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The Mission of AGARD

According toits Charter, the mission of AGARD is to bring together the leading personalities of the NATO nations m the fields
of science and technology relating to aerospace for the following purposes:

— Recommending-effective ways for the member nations to use their research and development capabilities for the
comnon benefit of the NATO coramunity;

-~ Providing scientific and technical advice and assistance to the Military Committee in the field of acrospace rescarch and
development (with particular regard to its military application);

- Continuously stimulating advances in the acrospace sciences relevant to strengthening the common defence posture:
~ Improving the co-operation among member nations in acrospace research and development;

~ Exchange of scientific and technical information;

— Providing assistance to member nations for the purpose of increasing their scientific and technical potential;

— Rendering scieniific and rechnical assistance, as requested, te other NATO bodies and to member nations m connection
with research and development problems in the acrospace field.

‘The highest authority within AGARD is the National Delegates Board consisting of officially appointed sentor representatives
from each member nation. The mission of AGARD is carried out through the Panels which are composed of experts appomted
by the National Delegates, the Consultant and Exchange Programme and thie Aerospace Apphcations Studies Programme. The
results of AGARD work are reported to the member nations and the NATO Authorities through the AGARD series of
publications of which this is one.

Participation in AGARD activities is by mvitation only and is normally hmited to citizens of the NATO nations.

The content of this publication has been reproduced
directly from material supplied by AGARD or the authors.
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Preface

In the last thirty years we have seen a great increase in both manned and unmanned space flights for scientific studies, for
communication and navigation, and for military purposes such as surveillance, reconnaissance and as a possible area of
deployment for both offensive and defensive weaponry.

The possible uses of flight at near-space conditions (i.e, above about 150,000ft.) are also under consideration and, at these
heights, many of the technical problems have a common basis with those of space vehicles during the launch, recovery and
transatmospheric phases.

In all these areas, many problems remain only partly resolved and the relevant technologies are developing rapidly. It was
considered that resolution of these problems and finding ways of using new technologics would benefit from the combined
thought of the technology communitics of the NATO nations. A symposium sponsored by the Flight Mechanics Panel of
AGARD was seen as a timely forum for discussions on at lcast the flight rechanics aspects of this important topic.

‘The symposium included the control and trajectory aspects of launch and recovery, in-orbit dynamius, trans-atmosphenic flight
and the dynamic aspects of assembly and operatiorn in space and also covered simulation and flight test.

Avant-Propos

Au cours des trente derniCres années nous avons assisté i un nombre croissant de vols spatiaua, habités ¢t non aabites, effectues
soit dans le cadre d'études scientifiques, soit aux fins des télécommunications et de la navigation, soit pour des raisons militaires
telles que la surveillance et Ia reconnaissance amsi que le déploiement éventuel d'armes offensives ct défensives.

Les applications possibles du vol dans des conditions quasi-spatiales (¢’est A dire au-dessus de 150,000 pieds) sont egalement &
*dtude, etal s'avere que bon nombre des problémes techniques recontrés i ces altitudes sont comparables a ceus des véhicules
spatiaux lors des phases de lancement, récupération et de passage transatmosphérique.

Dans tous ces domaines, il existe des problemes qui ne sont résolus que particllement, tandis que les technologies en question
sont en pleine expanston. De Iavis du Panct, une réflexion commune sur ce sujet, entreprise par fa communauté technologique
des pays membres de POTAN porterait ses fruits pour ce qui concerne la recherche d'applications des nouvelles technologics et
1a résolution de ces problemes, Le Panel AGARD de Ia Mécanique du Vol a done décidé dorganiser un Symposium, afin de
permettre tout au moins la discussion des aspects mécanique du vol sur ce sujet important,

Le Programme du Symposium compnt les aspects de contréle et de trajectoire des phases de lancement et de récupération, la

dynamique en orbite, le vol transatmosphéngue, les aspects dynamiques d assemblage ot d'exploitation dans Pespace, ainst yue
la simulation ctfes essais de vol,
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1. INTRODUCTION

It was the intention of the
organisers to start this Symposium
with two Keynote Addresses:
presenting the European and the
North American situation. I was to
present the European situation and
possibly the European point of
view. However, even ir I were in a
position to do that I would, as
AGARD Director, rather concentrate
on the opportunities for
transatlantic cooperation in the
area of technology within NATO and
AGARD. There are indeed tremendous
opportunities for transatlantic
cooperation in the 1990s and
beyond.

Until recently specific space
technology sublects were a
relatively small part of AGARD’s
activities. Hevertheless, long
before the meaning of the second A
in AGARD was changed from
"peronautical®™ to "Aerospace" in
1965, space-related subjects were
part of the AGARD Programme. For
instance, during the Ninth General
Assenbly meeting in 1959 a round
table discussion was held on “Space
Research Techniques and Recent
Experimental Data". Also fronm time
to time the Panels organised
Symposia on space-related subjects.

There is, of course, no clear
border line between aeronautical
and space technology and many
subjects treated by the FMP over
the years have applications to
hoth. However, this is the first
FMP Symposium fully dedicated to
space subjects. The five selected
Session ieadings: Launch and
Recovery, In-orbit Dynamics,
Transatmospheric Flight, Dynanic
Aspects of Assembly and Operation
in Space, Simulation and Flight
Test, obviously cannot, in the
limited time available, cover all
aspects of current interest.

One of the results of this
Symposium may be a clear
identification of technical-
scientific areas in which the FMP
can further contribute to the
development of space vechicles and
their operation. The interest is
high among scientists and engincers

within the Alliance on both sides
of the Atlantic. fThe prospects for
transatlantic cooperation in
selected areas of space technology
are good. As an indication of the
current direct involvement of AGARD
Panels in space technology, Table I
lists the titles of Symposia and
Lecture Series dedicated to space
during the years 1988-1990. It is
about 10 per cent of our activities
over these years, but nevertheless
it is significant.

Space transportation systems have
recently received increased
attention. Research and
development, being carried out in
several councries, may ultimately
lead towards fully re-usable one-
or two-stage vehicles capable of
going to a low-earth orbit and
returning to earth. More so than
in aeronautics, this calls for a
very high degree of integration of
disciplines such as: hypersonics,
flight mechanics, flight control,
avionics, structures, materials,
propulsion and propulsion
aerndynamics and human engineering.

2. CE_TRANSPORTATIQN TEMS

Space flight became a reality after
the development of rocket engines
and guidance systems. Space flight
has been carried out by means of
single and multi-stage rocket
launchers since 1957. The launchers
were not recovered. It is only
recently, beginning with the NASA
shuttle transportation system that
part of the transportation systen
has become recoverable.

Expendable launchers are now well
developed, A further increase in
efficiency and reduction of the
cost will undoubtedly take place
during the coming decades.
Thousands of payloads have been
launched into space with rockets
and an enormous experience exists
in the various launching
organizations. WNevertheless, the
payload that can be launched intn,
say a 300 km orbit is only a few
per cent of the total lift-off
nass.

This is illustrated by Pigure 1
(from Ref. 1) where the mass
fraction delivered to a low-earth

B itk

W ke 101

L Tkl




Ki-2

orbit is given as a function of the
total take-off mass. Although this
fraction increases up to 6 per cent
for the NASA Orbiter for a take-off
nass of about 2000 tons, and an
orbiter mass of 120 tons, the mass
fraction related to the actual
cargo carried by the orbiter, up to
29 tons, is still only up to 1.5
per cent.

The structure of a rocket launch
vehicle is typically of the oxder
of 10 per cent of the lift-off mass
and the mass of the fuel close to
90 per cent.

The ultimate, ideal vehicle to
transport payloads back and forth
to, say a 300 km orbit, is
undoubtedly a space plane which can
take off and land at several more
or less conventional airports.

Four of the majoxr advantages of
such a transportation systen are:

-~ First, a reduction in launchb
costs through the re-use of the
vehicle; the aim is an order of
magnitude inprovement compared to
conventional launchers. Typically,
the launch cost should become of
the oxder of hundreds of dollars
per kg payload as compared to
thousands of dollars per kg for
conventional rockets. Actually
real cost figures are difficult to
obtain since the research and
development are usually not taken
into account and there are a
variety of factors influencing the
pricing policy of the launch
organizations.

- Second, less mass left in orbit;
during the first decades of space
flight the debris left in orbit was
not a serious problem, but as the
use of space increases,
particularly at certain favoured
orbits, an international agreement
will be required not to leave any
debris behind in near-earth or
geostationary orbits.

- Third, a reduction of the
launching loads on the payload due
to severe acceleration and hence a
simplification of the construction
of the payloads and a reduction of
the cost.

~ Fourth, a considerable increase
in the payload since during part of
the flight airbreathing engines
could be used, reducing the
reguirement of carrying all the
o¥ygen required for combustion as
with the conventional rocket.

of the various proposals for
re-usable lauachers made over the
years, there are at present at
‘east four concepts being
pursued. Figure 2 (from Ref. 2)
shows these as possibly being

available early in the 21st
century. The figure also shows the
systens that could be operaticnal
between now and 2010.

Returning to the present: the only
partially re-usable system in
operation is the NASA Space
Transportation System, the

Shuttle. An enormous experience
has been gained with the systen.
HASA is studying extensions of the
shuttle system and also a booster
series with a payload of up to five
per cent of the total mass.

On 15 November 1988 the USSR
launched the Buran, a Russian
version of the NASA Shuttle, with
the Energia booster. The vehicle
was unmanned and ground

controlled. It made o,bital
flights and an automatic landing.
Although this flight appeared to be
successful, the Russian cosmonaut
Igor P Volk, who had flown 18 of
the 24 atmospheric flights with the
Buran, said in May 1989 at the aIaa
Annual Meeting that the second
unpanned flight was planned in late
1990 and that the first manned
flight would probably not take
place before 1992. He also said
that there are at present seven
Buran pilots. The Buran vehicle
was on display at the Paris Air
Show in June 1989, mounted on top
of the six-engine AN-225 transport
plane and this combination was
demonstrated in flight. Obviously
the Russian developments of
re-usable launch vehicle follow the
developments in the USA, in spite
of the fact that the present USSR
launches far exceed that of the
rest of the world, both numerically
and in total mass. It seems that
the development of re-usuable
transportation systems in the USSR
trails the developments in the USA
by almost a decade.

The Hermes Space Shuttle, to be
launched by the Ariane V launcher
was conceived by the French space
organization, CNES. It is now
incorporated in the progranmme of
the European Space Agency, ESA, and
at the ESA Ministerial Conference
in November 1987 in The Hague

US $ 600 nillien was committed to
the first phase of the design and
developnent progranme. Recently
major design changes were
introduced. The total mass was
increased from 15 to 24 tons with a
crew of three. Mhermes is neant to
serve the international space
station Columbus and tha projected
man-tended free flyer (MTFF) but
p?ssibly the USSR MIR Space Station
aiso.

Initially up to 1l2-dav miscions are
foreseen. The nrass of Hermes at
landing is projected to be 15 tons




with the resource module, the
docking module and the propulsion
unit to be .discarded. Hermes will
have a crew escape system. The
renotely~controlled manipulator,
the Hermes Arm, HERA, originally
planned to be part of the vehicle
will now become expendable or
attached to the Columbus space
laboratory.

The mass of Hermes is about
one~fifth of that of the NASA
shuttle orbiter. The maxinum
re-entry temperature will be

1830° ¢, that is 300° C higher than
that of the Shuttle. The first
manned flight is expected to take
place around the year 2000.

The concept of the fully re-usable
space plane is credited to Eugen
Sanger (1905 -~ 1964). His idea was
that space flight should ultimately
be achieved via an aircraft type
vehicle rather than via rockets as
pioneered by 2Ziolkowsky, Gcddard,
Obert and others. 1In cooperation
with Irene Bredt, who he later
married, he produced a study in
1942 which basically outlined this
concept. The USAF/Boeing X-20
Dyna~Soar project, a delta-winged
vehicle, to be launched by a rocket
and to return to earth as a glider,
was the first step in that
direction. Unfortunately this
project was cancelled at the end of
1963. The next step was the NASA
Space Transportation System.
Originally the system was conceived
as a two-stage vehicle with a
winged re-usable first stage which
could land at an airfield. The
NASA Shuttle finally became the
rocket-assisted-take~off vehicle as
we know it.

The present concepts of the fully
re-usable space planes are
xndicated in Figure 2.

There is at present a five-year
systems definition study being
carried out in Germany, for this
tvo-stage fully re-usable space
transportation system. The first
stage vehicle, called Sanger, will
boost a second stage called HORUS,
a manned 90 ton vehicle, to an
altitude of 35 km at Mach number of
seven or, alternatively a second
stage called CARGUS, an expendable
rocket stage for cargo transport to
space. It is envisaged that the
first stage will have commonality
with a global hypersonic transport
plane for typically 250 passengers
to be carried over a distance of
10,000 kiloretres or more.

The British concept, HOTOL, is a
-~
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and landing vehicle. It is
unmanned in its primary role of
satellite launch. Manned
capability, wvhen required, is
rovided by a capsule placed in the
rayload bay. The engine is a dual
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nmode cycle combining a heavily
pre-cooled cycle for the
airbreathing ascent, converting to
conventional rc-ket power for the
final ascent to orbit. The project
is currently continuing on Bae
private funding.

In Japan several space-plane
concepts are being studied
resembling the HOTOL concept and
the American X-30 designs.

There is little doubt that the
greatest efforts towards the
developnent of a space plane are
being made in the USA. The first
single stage-to-orbit flight of the
US X-30 is expected to take place
in the late 1990s. Technical and
funding problems make it almost
inpossible to predict an
operational date.

3. HYPERSONXCS

The Key to the development of
re-entry vehicles and re-usable
transportation systems is the
development of adequate knowledge
of hypersonics. Hypersonics,
flight at Mach numbers greater than
5, was developed in the 1950s and
60s. Major projects were:

~ Ballistic re-entry vehicles from
speeds up to 8 km/sec

- The USAF project Dynasoar, a
delta-winged vehicle launched by a
rocket, cancelled in 1963

- The NASA projects Mercury and
Genini

- The NASA project Apollo

- The HASA Space Shuttle
Transportation System.

Figure 3 gives the flight regimes
in an altitude velocity diagram.
Note that the energy per unit nrass
to be absorxbed before landing on
earth when returning from a lunar
light (10-11 km/sec) is 80 per
cent higher than when returning
from a low earth orbit (say
300 km). The figure also indicates
that projects like HOTOL (and the
space plane) are aiming at a higher
lift (higher L/D) and greater cross
range.

Typ;cal velocity differences of
interest are given in Figure 4.
Hote that 8v moon -» earth =

8.2 + 3.9 + 1.6 = 13.7 kn/sec and
Av GEO > earth = 8.2 + 4.3 =

12.5 km/sec. The escape velocity
is only slightly higher.

Hypersonics is characterised by the
fact that the shock angle is very
small. There is a '"merged
shock-boundary layer" near the

hgder tho ohoolk ohondenff dicbamon
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is of the order of one tenth of the
nose radius. Gas temperatures in
the stagnation region become
several thousands degrees Kelvin.
The gas will dissociate, several
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chenical reactions occur and_
radiation becomes important in the
stagnation region, Figure 5.

Elgure 6 indicates the regions
where these effects take place.

All the phenomena associated with
these flight conditions were
studied in great detail in the
1950s and 1960s. Then there was a
pericd of twenty years with greatly
reduced activities. The resurgence
of interest in hypersonics in the
1980s took place in a period with a
greatly reduced number of
hypersonic windtunnel facilities
operational and a greatly increased
capability in computational fluid
nechanics. In several AGARD
publications (References 3, 4 and
5) this situation was recognised.

A new generation of scientists and
engineers took over, hopefully just
in time to benefit from the
experience gained in the 1950s and
60s.

4. PROPULSION

If hypersonics is the key to the
development of re-entry and
re-usable transportation systens,
propulsion is certainly the key to
the development of a space plane.
The word space plane is used here
generically for vehicles capable of
flying to a low~earth orbit, with
or without take-off assistance and
return to earth landing on an
airfield.

The X-30/HASP (National Aero-Space
Ylane) studies being carried out by
three contractors in the USA
(Mcbonnell-bDouglas, General
Dynanics and North Amerii:an
Rockwell) are reported to include
various modes of propulsion:

- for 141¢4.5 subsonic combustion

- for M>6 supersonic combustion

In the range 4.5(M{6 presunmably a
nixed subsonic/supersonic
combustion takes place. All
proposals incorporate rocket
engines, but of different sizes.

The systenm prcposed for the German
sanger project is different in that
it consists of two stages. The
first stage is to fly up to M=7 at
an altitude of 35 km and being
propelled by a subsonic/supersonic
combustion system, a turbo-ramjet
engine, while the second stage is
planned to be rocket-propelled.

The first stage would basically use
the technology that could be
applied to a hypersonic,
transcontinental or transatlantic
transpor™ plane (the "Orient
Express”).

The British HOTOL concept would use
an airbreathing engine with X
variable inlet geometry, converting
to H2/02 rocket propulsion above
M=5. Eventually the ramjet/
scramjet (supersonic combustion
ranjet) may be developed to operate
at Mach nunbers considerably higher
than 7; goals of M=15 and higher
have been reported in the press.
This would require enormous frontal
capture areas {~100 per cent) and
relatively low altitudes in order
to capture a sufficient air mass to
produce the required thrust at
these Mach nunbers. It is clear
that here is an area for much
research and development of
imaginative concepts.

5. STRUCTURES AMD MATERIALS

During re-entry the amount of
energy to ke dissipated is
typically 30 million Joule per kg
mass, well above the heat of
vaporization of all materials. For
a vehicle of 20 tons re-entering
from an altitude of 150 knm at a
speed of 8000 m/sec this anmounts to
6.8x10" Joule. Fortunately only a
srmall portion, of the order of 0.05
to 0.1 per cent is absorbed by the
vehicle but nevertheless stagnation
tenperatures of 1000 to 1800% C
will occur over periods of 10
ninutes or more. The use of
metallic materials is generally
limited to about 1000° C. Ceranic
materials can stand a much higher
temperature but their incorporation
as structural elements is very
difficult. The NASA Space Shuttle
solution of tiles for thermal
protection is well known and
apparently the Buran uses the sane
idea for thermal protection. It is
likely that some of the ceranic
materials and possibly carbon/
carbon material with a protective
layer will be developed to such a
stage that they can be applied in
spacecraft structures in the 1990s
and beyond.

Finally, a fully re-usable space
plane nust be able to take off and
land at an airfield. Present day
civil transport aircraft have
landing speeds of about 250 km/hour
(155 mph) and typically nced a
landing field length of 2000 m.

For most modern figher aircraft
these figures are much the same.

The NASA Space Shuttle has 2
nominal landing speed of

335 km/hour and it is reported that
a landing speed of 420 km/hour has
been demonstrated. It is also
reported that the tires could stand
a speed of 560 km/hour but they
could only B¢ used Onceé. Apbharently
the US space plane and S3nger aim
at landing speeds of 500 km/hr or
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rnore. This would rean a 50 per
cent increase compared to the
proven HASA Space Shuttle landing
speed and the kinetic enexgy per
unit mass at landing would be

2.25 times as much. This is indeed
a formidable challenge.

6. CONCLUDING REMARKS

only sone <of the technical-

scient "ic areas associated with
the developrent of space
transportation vehicles have been
renticned. There are many other
subjects such as flight control and
human engineering which are of
equal iaportance for the successful
xcalizaticn of space transportation
systeus.

In the 1970s the European goals
“er¢ rainly concentrated on the
cdevelopment of a reliable
expendable launcher systen, the
Ariane Series. The European
contribution tc the NASA Shuttle
Prograrne was limited to the
developrent of Spacelab, a payload
of the shuttle. Unfortunately only
a few spacelab flights have been
carried out so far. Uith the
advent of the Ariane V - Hermes
system a ruch broader technology
base is being built up in Europe.
This does not yet open up ail the
relevant technology areas for fulil
cooperation and information
exchange within AGARD. However it
is quite possible that in the 1990s
several of the concepts now being
developed in varicus nations, will
nerge into a single series of space
transportation systems. The main
reasons for this weuld be the
nccessity to share the developrment
costs and the sheer necessity to
pool all the available talent and
the facilities available to solve
the technical problems. The
individual nations (or corbined, as
in ESA} nust however, develop a
strong enough techrolegy base for
cooperation on an equal footing, at
least in selected areas.

The following quotations from a
rzport of the US Defense
Departnent’s Science Board (DSB),
published in Reference 6, are an
indication of the magnitude of the
problens involved in developing the
liational Aerospace Plane. The
article states that the DSB was
essentially supportive of the NASP
Prograrmme. The Task Force Members
were “inpressed with the progress
being nmade. But we were even more
impressed by what has yet to be
done to reduce the remaining
uncertainties to a reasonably
manageable level®. Some of the
chief anxieties were as follows:

Aerodynanics - The Ylargest
uncertainty® is the location of the
transition point between laminar
and turbulent air flow. This
effects engine performance,
structural heating and drag, to the
extent that there is an
"uncertainty factor" of two or more
in estinates of gross take-off
weight. Cenputaticnal fluid
dynanmics cannot yet resolve all
such problems, especially when
dea.ing with three-dimensional
flows, because of lack of real-
world experincntal data for
calibration. It is irmportant that
CFD should not be discredited on
this account. But ground test
facilities that might provide valid
data for Mach numbers between 10
and 20 do not yet exist.

Propulsion _svstem design ~ This is

also hampered by the sane
uncertainty about NASP airflow
dynanics. The transition point
fropm rarjet to supersonic scramjet
cperation is likely to be the most
critical phase of flight. Very
little is known about the mixing
and combustion of hydrogen at high
supersonic velocities. Once again,
physical test facilities are
urgently needed. EBEven so, it is
likely that flow anomalies will
regu’ve partial redesign of the
propu.sion system during the flight
test programme.*

Matexials _and Structures - With
the likelihood that sonme

15 per cent of the surface area of
HASP may be exposed to temperatures
above 1425° ¢, there is obviously a
need to choose hetween entirely new
materials, or extensive use of
active cooling. Promising new
materials have been identified, but
in general they are currently
available only in laberatery
quantities. The D$B Task Force
states that industrial quantity
production right be 12-15 years
away. Until sufficient guantities
become available to fabricate
large-scale test articles, the many
uncertainties associated with
structural testing will continue.

* In a paper in Raference 7,

J A Vandenkerckhove concludes with
respect to the problen of
supersonic combustion: "It is
certainly not possible, with our
current understanding, to clainm
with certainty that scramjet is the
way to go, but it would equally be
very rash to jignore it altogaother
and to decide on the full scale
developrent of either a two-stage
or a single-stage-to-orbit vehicle
(without supersonic combustion)
without having explored in some
deptn the scramjet alternative."
Apparently the US is investigating
this alternative extensively.
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Contyols -~ There are "large
uncertainties" apout the stability
and control laws avplicable to a
vehicle such as NASP. Problens
such as thermoelastic deformation
of key structures tend to be
ocutside conventional design
experience. It seemed to the Task
Force that it would be impossible
to design such a vehicle without
some understanding of its likely
control systen.

These quotations from the report of
the Task Force of the DSB may seen
overly pessimistic with respect to
the space plane, although the DSB
appeared to be very positive about
the final possibilities, but at
least they have the great merit to
highlight the enormous challenges
for the aerospace research and
development community. Undoubtedly
this Symposium will have a similar
effect. We hope that it will lead
to the stimulation of your work and
where possible, towards increased
cooperation among the nations of
the Alliance.
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SPACE DEVELOPMENT - A CONTINUING CHALLENGE
ABSTRACT

Space flight development, Just as its atmospheric counterpart, encompasses a broad
range of disciplines., In contrast to aircraft development, however, considerable
emphasis has been placed to date on the operation of unmanned vehicles, The space
environment is inherently hostile to human life, and as such, even for manned space
flight, efforts are made to minimise crew s.ze, and to automate or control remotely
from Earth, much of the on-orbit vehicular activity.

Unmanned spaceflight has expanded human knowledge significantly and uniquely, through
the exploration, often remotely, of Earth, our solar system and the universe, and
through the communication channels that have been opened by satellites. Manned space
flight has added another dimension with direct and local human intervention in the
space environment, thereby adding the sensory and perceptual, intellectual, psychomotor
and motor capabilities of humans.

Behind each successful space mission, starting with the small and relatively
unsophisticated scientific probes of the 1950's and 1960's and leading to the great
observatories such as the Hubble Space Telescope to be launched this decade, or in the
manned space field, beginning with the first orbital flight of humans to their landing
on the moon or to manning space stations orbiting Earth, there exists an enormous
‘nfrastructure of scientists, engineers, managers and politicians who together allow
these ventures to come to fruition. This paper addresses the evolution of space
flight, the technical and management challenges associated with 1ts success, and the
direction that 1s being mapped out on a global scale for the future exploration and
exploitation of space.

INTRODUCTION

It gives me great pleasure to spscak at thie symposium on the subject of space
development. To be able to address such a broad topic within the confines of a single
paper is a daunting task, and I look to assistance in this by relying on the paper just
presented by Dr. A van der Bliek to complement some of the thoughts which would
otherwise deserve to be developed in greater depth in this paper. I would also refer
readers to the Reference for a more comprehensive overview of the factors that will
have a strong influence on space developments during the next decades.

Earth 1s one of nine planets circling the sun, which ain turn is one of one trillion
stars in our galaxy, the Milky Way, which, again in turn, 1s one of one hundred baillion
gailaxies in the known universe, Space flight from Earth allows humans to remove one
barrier to the understanding and benign exploitation of this universe.

Orbital space flight commenced with the pathfinder f£light of Sputnik in 1957. Progress
thereafter was remarkable, even when measured against a backdrop of the prevailing,
technically progressive aeronautics industry. There was the political will in several
countries to make space exploration a key element in the development of technocrac:ies,
in which the large scale of investment in research and development was seen as the path
to future leadership and prosperity. 1In 1961, homo sapiens lived for 108 minutes in
outer space, By the late 1980's, humans were regularly in space: in 196 individuals
set foot for the first time on another celestial body, the Mcon, and, later, others
lived continuously in the microgravity environment of sSpace for more than a year.
Meanwhile, scientific observations from space were causing fundamental reassessments
of the hypotheses surrounding our understanding of the solar system, the universe and
thejr origins, and, perhaps for the first time in human history, were allowing the
ordinary person to view his own planet and its survival from a global rather than
national or 1local point of view, Communication satellites, one of the first
commercially expleitable applications of space, were soon to dominate long distance,

Apart from the technical and management aspects, perhaps two areas of space flight
should be singled out as ciearly having their genesis in the aeronautics world, First,
a major irpetus for the activaity arose from strategic military considerations by the
dominant pursuers of space activity, the USA and the USSR. Second, the costs and long
time horizon for re-lising commercial returns were such that it was only through the
national and polit‘cal commitments of significant levels of government funding
necessary to undertaa. the research and development and to build the infrastructure,
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that sp2ce projects could proceed. While the military stimulus to the development of
many aspects of space continues, it should be noted that international treaties exist
which limit the use of space to peaceful purposes, and that many of the nations which
now participate in the development of space, specifically exclude all military
applications, whether defensive or not, and pursue instead, only scientific, commercial
and exploratory goals.

THE HISTORICAL PERSPECTIVE

Before speculating on the future exploitation of the space environment, it is worth
identifying some of the major milestones that have been achieved ir the short history
of orbital space flight. Many milestone events can be chosen to characterise its rapid
development, and from these the following have been selected somewhat arbitrarily:

SELECTED SPACE HIGHLIGHTS

SPUTNIK 1 FIRST SATELLITE 1957
LUNA 2 FIRST SPACECRAFT ON MOON 1959
VENUS 1 VENUS FLYBY 1961
VOSTOK 1 HUMAN ORBITS EARTH 1961
EARLY BIRD COMMERCIAL TV COMMUNICATIONS 1965
APOLLO 11 HUMANS LAND ON MOON 1969
LANDSAT 1 FIRST EARTH RESOURCES SATELLITE 1972
SKYLAB 2 FIRST SPACE STATION 1973
VENERA 9 FIRST PICTURE FROM SURFACE OF ANOTHER PLANET 1975
sTS ) FIRST SPACE SHUTTLE FLIGHT 1981
VARIOUS ALL PLANETS EXCEPT PLUTO PROBED 1989
HUMBER OF LAUNCHES 1957 - 1989 3200

From the launch of the 84 kg Sputnik 1, the world's first artificial satellite,
progress was rapidly made in placing first animals and then humans into space; in
mapping the Moon, and landing humans on it; in flying satellites past our solar
system's planets apnd their moons, and in sending to so.e of their surfaces, probes
which would transmit back data about surface conditions to eagerly waiting scientists;
in commercialising space, first through communication satellites in geosynchronous
orbit and then through remote sensing satellites located in polar orbits around Earth,
with which to provide information about the Earth's surface and its atmosphere; and
during this entire process, in developing both in space and on the ground, an
infrastructure which allowed the methodical and often rapid movement from the
achievement of one goal to the next. Important to this process were both the
development of new management *techniques which allowed the work of widely distributed
centres of activity to be successfully integrated, and the stimulation by space
activity of ordinary people to be excited by scientific and technological progress.

DEVELOPING THE SPACE INFRASTRUCTURE

Significant strides have been made in the 32 years since the launch of Sputnik 1 in
developing various elements of the space infrastructure, Such an infrastructure starts
with the oround support systems necessary to initiate and sustain effective space
flight. The ground infrastructure includes test, development and operations facilities,
as well as user support facilities. It contributes significantly to the cost of
conducting space flight but is essential. The transportation system to, from and in
space remains as the most critical element :n the infrastructure. Other essential
elements are the space based communications and tracking networks which are generally
well developed but, with continuing, rapid advances in information systems
technologies, will no doubt be refined significantly in future, Shortage of available
frequency bands and physical crowding in the geosynchronous orbit used for the majority
of communication satellites will become increasingly important during the next decade.
Remote sensing networks continue to be developed to provide essential information
characterising the physical and chemical properties of Earth and other planets and of
their atmospheres. Planetary missions to be launched uver the next few years will lead
to a renaissance of space science in the 1990's., Alsc, on the scientific front, great
observatories are being developed for deployment in low-earth orbit, which will allow
observations of the entire electromagnetic spectrum to study events and objects in the
universe, In the area of manned space flight, general purpose facilities such as space
stations in low-earth orbit for undertaking a variety of tasks have been developed and
will continue to be developed, whereas major on-orbit assembly, servicing,
manufacturing and transportation facilities will be built as precursors to the
establishment of lunar bases and manned missions to Mars.

From this broad, although not what one would yet describe as a mature or robust base
of space activity, consideration is given to some of the major missions that are
currently being proposed or developed.,
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The Planetary Missions

The exploitation of the space environmant for planeta.y observations has led to a
remarkable epoch in the history of science, We live in an age of astounding discovery
and adventure in which space probes from the USA and the USSR have investigated, at
least superficially, between 1962 and 1989, almost the full extent of the planctary
part of our solar system.

Four spacecraft are presently travelling out of the solar system, Pioneers 10 and 11,
and Voyagers 1 and 2, after having earlier flown unscathed through the asteroid belt
and provided fundamental information on the planets Jupiter, Saturn, Uranus and Neptune
during fly-by of these planets.

Except for Pluto, each of the planets of the solar system has now been observed from
satellites passing in their proximity or landing there. The most recent was the
observation of Neptune from Voyager 2 in 1989, surely a mission that will go down in
history as one of the most significant scientific achievements of the century. Magellan
and Gallileo, launched in 1989 after an eighc year launch gap in the USA planetary
exploration program, will make detailed studies of Venus and Jupiter respectively. The
Mars Observer is scheduled for launch in 1992 to make a global study of the planet,
and will be followed by two sophisticated satellites, the Comet Rendezvous Asteroid
Flyby, CRAF, scheduled to be launched in 1995 to liaise with a1d nbserve Comet Kopff,
and Cassini, the fourth mission to Saturn, which will be launcaed in 1996 to arrive in
2003 to study the rings, atmosphere, magnetosphere and moons of Saturn.

The new planetary probes provide higher resolution, sencitivity and broader coverage
than previous satellites., Their missions are planned to terminate in the proximity of
thear target planets. This leaves only the two Pioneer and the two Voyager satellites
to continue to fly and gather data beyond our solar system limits.

In all, NASA alone plans to launch 36 space science missions over the next five years,
including, next year, the Hubble Space Telescope, an astrophysics spacelab mission,
Astro, the Gamma Ray Observatory, Spacelab Life Sciences ~1 and ESA/NASA Ulysses.

The Great Observatories

In addition to the planetary probes which are sent to their target planets to allow
observations in their proximity, there is presently planned to be launched :nto low
Earth orbit a series of space observatories which will allow observations, without
atmospheric 1interference, of the entire electromagnetic spectrum, Removing the
filtering and distorting influence of the atmosphere will allow unparalleled resolution
to be achieved. The following great observatories are currently planned to be launched
by the USA, with anternational participation in the development of scme of the
instruments:

Hubble Space Telescope

Gamma Ray Observatory

Advanced X-Ray Astrophysics Facility
space Infrared Telescope Facility

oo o0

The weight, size and power of these observatories are linited by launch capabilities
from EBarth. Space stations will make possible on-orbit assembly of such facilitaies,
thereby allowing increases in size and the corresponding increases in instrument
sensitivity and resolution, Observatories may also be established on the far side of
thhe moon to avoid the radio frequency interference emanating from Earth.

Major technological challenges in bringing these large facilities into operation will
be their design for assembly on-orbit into rigid structures, and their precise pointing
once assembled. New capabilities w1ll also need to be developed to handle the high
information rates expected to be generated by the observatories.

Observing Earth {rom Space

Among the earliest applications of space flight was the observation of Earth from
oroiting satellites outfitted with cameras, radars and other sensors. Observations with
instruments sensitive to different parts of the electromagnetic spectrum have allowed
the mapping of Earth's surface, both land and sea, and its variations with time, and
of EBarth's atmospheric variations.

Increasing sensitivity to and concerns about the effect of human habitation on the
Earth's environmental robustness ate leading many nations to participate in a new
program called "Migsion to Planet Earth" the intent of which is to provide continual
and synchronised updates on varioug aspects of the environment'’s characteristics in
order to allow its better manaaement.

The data provided through remote sensing techniques has considerable commercial and
strutegic value and, as a result, demand for it 1s expected to grow continually.
Significant development effort is needed to enhance image analysis, and sensor
sensitivity and resolution,
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Space Transportation

The Kkey to space exploitation lies with the availability of suitable space
transportation systems, These determine the weight and volume of elements that may be
placed in various orbits or escape trajectories., Launches are presently either by means
of cxpendable rockets or partially reusable launch vehicles pioneered by the USA in the
form of the Space Sauttle. Typically, for expendable launch vehicles, the payload mass
which may be placed in geosynchronous orbit ranges from 2000 to 5000 kg, whereas the
shuttle is able to place payloads of up to 20,000 kg into low-earth orbit,

On a world wide basis, approximately one hundred launches per year have been carried
nut for the past several years with about ninety per year by the USSR, In all, there
have been about 3200 launches into Earth orbit or beyond. Although launch reliability
and lift and volume capacity had been improving in the western world at the time of the
Challenger accident in 1986 (which subsequently led to the grounding of the shuttle
fleet for over two years at the same time that ESA's Ariane was having development
problems), the resulting, even if temporary, grounding of almost all of the western
world's 1launch capability clearly illustrated the fragile nature of its launch
capacity. As a result, considerable activity has been stimulated in the USA to develop
again commercial, expendable launch vehicles to complement the capability of the
shuttles which will be exploited, in future, predominantly in support of those missions
requiring intervention by astronauts., As well, independert national orbital launch
capabilities have been or are being develcped by India, Japan, China and, of course,
the USSR.

The major areas of launch capability requiring improvement are the lift capability,
launch reliability and launch costs. Evolution is leading to a fleet mix which will
include passenger transport vehicles, heavy 1ift transporters and transfer vehicles for
round trip travel beyond low-earth orbit. It will be necessary to reduce launch costs
from Earth by an order of magnitude from the current level of about $10,000 per
kilogram before space exploitation can become routine. Significant advances in
propulsion system design and increases in reliability will be the focus of attention
to achieve this and the emphasis will be on systems in which all stages are
recoverable,

Typical of the new propulsion systems under consideration for manned space vehicles
which would be horizontally launched from Earth to low-earth orbit, are:

TWo-stage engines with an airbreathing, liquid hydrogen engine first stage, and
a hydrogen/liquid oxygen rocket second stage {Saenger)

Single- stage, combined-cycle engines using hydrogen/oxygen and an airbreathing
capability to orbit (Aerospace plane, HOTOL).

The technologies that will need to be developed to allow these systems and the
attendant operating cost savings to be realised include the following:

Durability of the thermal protection system
Development of light weight structures and materials
Advances in information, guidance and control systems
Supersonic combustion ramjet engine (SCRAMJET)

High Mach Number operation of SCRAMJET (Mach 15)

It is expected that these new transportation systems will be developed for operational
use during the first decade of the next century.

For on-orbit transportation systems, or space transfer vehicles, the possibility of
using electrical power rather than chemical power sources cxists when used in
conjunction with accelerators, either in the form of "ion engines" or of "mass driver
engines". When operating far from the sun, in the outer solar system where "ion
engines" are most effective, nuclear power systems become essential as their power
source.

Communications and Tracking

Communication and tracking capabilities are essential for monitoring and supporting
space activity. The facilities which have been developed use complementary space and
ground networkis to provide for communications, data relay, navigation and tracking.
Mature systems are in place, although the limited life of the current generation of
satellites in gevsynchronous orbit (approximately 7.5 - 10 years for Western satellites
and 2.5 years for USSR satellites) requires the regular replacement of satellites with
associated costs. Crowding in geosynchronous orbit will have a significant influence
on the size and sophistication of these satellites in future, and it is envisaged that
on-orbit servicing will eventually be available to extend the service life of the
satellites. Evolution will increase the coverage provided and the bandwidth of the data
being transmitted. The present TDRSS satellite system developed by NASA to provide for
data management for the shuttle and space station regquires three satellites in
geosynchronous orbit to provide continuous coverage of vehicles such as gpace station
or the shuttle in low Earth orbit.
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As operations expand to require £reguent communications contact with orbital facalities
and transfer vehicles :n the inner solar system, a number of new tracking, nav:igation,
communications and data relay satellites will be needed.

A major and growing concern arises from space debris in both low Earth and
geosynchronous orbits, Even minute debris of the order of lmm an size can destroy a
satellite pecause of 1ts kinetic energy. Such debris can result from failed or
disintegrated satellites and is an increasing hazardé in heavily uced orbits.

Space Stations

Beth the USA and the USSR moved quickly to develop space stations early in their space
programs. The USA gained experience with the Skylab space station in 1973/1974, whereas
the USSR has developed a series of stations which have continually provide a capability
to support human life in Space since 1974 through 1ts Salyut and Mir space stations.
The USSR has a significant lead in accumulated experience of long term operations by
cosmonauts in space,

Prosent space stations and those under development, are multi function facilities which
provide for many of the following capabilities:

¢ Long duration space flight
o Micro-gravity research and developnent
- matexr:als processing
- life scrences
Earth and space observation
Space science
On-orbit assembly ané servicang
Transportation Node
Technology development base
Exploration base

Qo000 C

Space Station Freedom, presently being developed by the USA, Canada, ESA and Japan
represents the largest international cooperative technology development project ever
undertaken. When completed, the space stat:ion will be 135n long, weigh 200,000kg, have
75kw of power, one pregsurised habitation module and three pressurised scientafic
laboratories, It will be manned continuously by an eight person crew and will possess
significant extarnal assembly and servicing capability. It will £1y in a circular orbit
with an inclination to the equator of 28,5 degrees, and at an alt.tude of about 500km.
The station is expected to evolve over time and have a thirty year operationail life.
It will be assembled in orbit over four years starting in 1995 and, i1n that period will
require 29 dedicated shuttie missions to be built and to have provided the necessary
logistics support to maintain the station in an operational permanently-manned state.
It will cost in the order of $35,000 million dollars to develop.

Among the many challenges associated with the development of space station, those of
1ts assembly in orbit, the subsequent operation of the entire research and development
complex with an eight person c¢rew, and the continual maintchance and updating of its
systems for a thirty year operational life, must rank as unique and amongst the most
demanding,

Space station§ in low Earth orbit wiil evolve to become assembly and maintenance bases
and staging posts for other destinations, such as to geosynchroncus orbit, the Moon or
Mavs. They will be improved to provide a better envirorment for undertaking scientific
and commercial development work through crew size increases and the introduction of
enhanced automation and robotics 1n the pressurised volumes to increase the
productivity. Power unquestionably will be increased to allow mauufacturing processes
in space to be d%veloped, and efforts will be made to maintain the micro-gravity level
as close to 107° g as possible, and to develop closed ecology life support systems
and contaminacion-free control engines using hydrogen and oxygen as fuel, As well,
designers and station operators will need to satisfy the demand for rapid responses to
scientific experiment development and crew health needs. Much 1s stiil to be learned
about Lhe design for efficiency of human operations under micro-gravity cond:itions and
considerable design effort will go into the creation of crew- and user friendly
designs. ‘o keep operations efficient, reliability and maintainability of station
components will be enhanced and the designs will incorporate the hooks and scars
necessary to maintain a facilaity of this nature for an operatioral life of some thirty
years. Every effort will be made to reduce the on-line ground support necessary to
operate space stations.

The Role of Humans ain_Space

Much has been made of the debate as to whether manned space (light Should continue with
its inherent cost and safety implications, or whether much more effective use of scarce

resources conld be made by concentrating instea2 eorly or unmanned Ichotic space
missions. The answer is of course, that the two are complementary and not mutually
exclusive, A characterisation nas been made in Table 1 of the advantages and
disadvantages of humans in space.
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TABLE 1

ROLE OF HUMANS IN SPACE

PROS CONs

=~ HAVE EXPLORATION INSTINCTS ~ CONTAMINATE AND DISTURB
- HAVE SENSORY/PERCEPTUAL - USE SCARCE RESOURCES

CAPABILITIES
~ ADD SAFETY ENVIRONMENTAL AND

~ HAVE PSYCHOMOTOR/MOTOR HEALTH CONTROL REQUIREMENTS

CAPABILITIES
- ARE STRESS SENSITIVE
~ HAVE INTELLECTUAL CAPABILITIES

- cognition - ADD T0 COST

- memory

- divergent and convergent

production
- evaluation

It is readily seen that just as in aviation, there are certain human abilities which
cannot yet be adequately duplicated by machines, Even if they could be, an intangible
factor, however, will femc.:. und that is that humanity is driven by an irresistible
instinct for exploring, and t.is makes continued human ventures into space virtu-lly
inevitable. The variable 1g¢ the pace at which this occurs, and that is determined more
by economic facters than by technological f£actors. It 1s clear that the costs of
supporting humans 1n space are significant and, as a result, considerable advances will
be made to ensure that those humans who are privileged to work in space are working as
effectively as possible through the application of advanced automation and robotics
techniques aincluding the application of artificial intelligence methodologies.

MAJOR SPACE INITIATIVES OF THE FUYURE ~ BEYOND SPACE STATION

The scale of space initiatives is such that by the time they are approved for
development, the 1deas that spawned them will have had the opportunmity to mature for
many years. Thus it is that the space station program currently being developed by the
USA, Europe, Japan and Canada had its origins in the 1950's. The space station is a
corponent in the nethodical development of an infrastructure that has been undertaken
by the USA since i% entered into the space arena. Although providing a versatile, and
in many regards, an autonomous capability, it is not an end in i1tself. It will also be
part of the infrastructure necessary to undertake the next major initiatives of human
exploration. Those currently under most active consideration, particularly after
President Bush's stimulus to NASA on the 20th anniversary of humans first setting foot
on the nmoon, to assess in detail the components of future USA Civilian space activity,
are:

© Mission to pPlanet EBarth
o OQutpoct on the Moon
o Humans to Mars

These complement the aiready approved initiatives leading to the further exploration
of the solar gystem.

Missionp to Plapet Earth

Planning £s in place for an international thrust during the next two decades to
undertake an integrated, long range study of planet Earth through a global satellite-
based observing systen complemented by Earth-based systems and measurements., When taken
togather with modern data processing capabilities this should allow simultaneous
observations, their correlation and analysis to provide a greater understanding of the
physical and biological processes of our planet and of their interactions. The Mission
t¢ Planet Barth has found widespread favour among space faring nations.

One of the most significant challenges for this endeavour will be the development of
artificial intelligence technaques to allow the effective handling and processing of
the reams of data that will be generated. Another will be the incorporation into the
platforms of approprirate automation and robotics capabilities as well as the necessary
tedundancy and self diagnostics to ensure years of trouble free operation. Finally, the
precise coordinated pointing and synchronisation pf several instruments on the
platfotma will prove tz oo 2 cignificant tachnical challenge.

ghis program requires strong international iinks to be ¢stablished to reap maximum
enefits,
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Qutpost on the Moon

A new phase of lunar exploration, building on the legacy of Apollo, will lead to the
first hvman outposts on another world. It will support scientific research and
exploration and allow humans to learn to laive and work in the hos*'ile environments
characteristic of other planets while remaining relatively close to Earth (within a two
to three day journey taime). Over time, the dependence on support from Earth will be
reduced and the unique research environment offered by the moon will establish the
capability of humans to undertake the more demanding settlement of other worlds. As
well, the favouviable location on its far side, where it is shielded from the radrdo
noise of Earth, for undertaking many experiments and observations of scientific
significance, should lead to important advances in astronory and physics.

Long term human presence would best be preceded by robotic lunar polar prospactors to
identify the best locations f{or outposts, Clearly the discovery of water or other
volatiles would be very significant.

The technologies required revolve round the availability of a robust transportation
system, well developed closed loop life support systems and a cspace station in low
Earth orbit as a staging base for supplies, equipment and propellants.

Humans to Mars

Besides Earth, Mars i1s the only potentially habitable planet in our solar system, It
may once have supported life, Earlier robotic visits to Mars showed many similaraties
with Earth, but also many important differences, lor example, no organic compounds were
found 1n the survey area. Detaxled exploration of Mars may shed light on whether the
origin of l:ife in the universe 1is common and possible under a wide range of conditions
or whether it 1s rare, taking place only under a very restricted set of conditions.
Because it is so far away, on average 1000 times as far away as Bacth's moon, it is
nost likely tha. the planet will be visited from Earth for exploration rather than for
development reasons, Manned visits will be preceded by robotic exploration to establish
detailed images and a mapping of the surface; to investigate potential landing sites
fce their suitabrlity as manned bases; to gather and analyse surface and sub-surface
samples to establish whether the local areas could support human habitation; and to
investigate, from the surfsrce, geological features that could shed light on the hastory
of the planet. An enhanced support infrastructure posing considerable technological
challenges will need to be put in place to acquare the detailed data necessary before
committing to systematic human exploration of the planet, It should be noted that a
round trip from Earth te Mars, including a six month stay on Mars, will take about two
years to conplete.

Manned exploration of Mars will be a massive undertaking requiring international
cooperation on an unprecedented scale., President Bush, in 1989, indicated the USA's
interest in pursuing this as part of & long term space exploration plan of the USA.
TECBNOLOGICAL CHALLENGES

Many technological challenges remain to be overcome to put in place the previously
rdentified exploration and exploxtation programs., A selection of the hey ones, many of
which have been addressed earlier, i1s provided for reference in Table 2.

TABLE 2

TECHNOLOGICAL CHALLENGES

[ TRANSPORTATION SYSTEMS -~ EARTH T0 ORBIT
o SPACE TRANSFER VEHICLES

[+ EFPICYENT HUMAN LIFE SUPPORT SYSTEMS

[ EXTENDED HUMAN STAY AWAY FROM EARTH

[+ SPACE CONSTRUCTION

o AUTOMATION AND ROBOTICS

o SPACE SUITS

[} NUCLEAR POWER

[ ESTABLISHING BIOSPHERES ON OTHER PLANETS
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MANAGEMENT AND POLITICAL CHALLENGES

In addition to the significant technical challenges posed by the exploration and
exploitation of the space environment, there are several important management and
political questions to be addressed.

Are the finan~ial and human resources adequate to undertake methodically the discussed
ventures?

On the question of finances, with a well planned and phased program leading to, for
example, a human base on Mars in 2025, the financial resources of the nations that have
traditionally participated in space projects are adequate, if used cooperatively,
providing that science and technology programs of this nature continue to receive
approximately the same share of government budgets. On the human resource question,
much of the development requires simultaneously, thousands of skilled scientists,
technologists and project managers for its timely completion. There exists, at this
time, a shortage of the appropriate skill levels, particularly in the technical, middle
management positions. Growth in the space program must be carefully phased to ensure
that the adequaté human resources are developed and available to allow the building of
robust, safe systems. Alternatively, these resources must become avajilable from other
advanced technology programs requiring similar disciplines and skills.

Will international cooperation be necessary?

As discussed i1n the followaing section, all indications are that the cooperation between
nations involved in space development will need to be strengthened as proposed programs
proceed.

Can effective program coordination and integration be achieved for programs of this
magnitude, with their implementation widely separated both geographically and
temporally?

In the author's opinion this challenge is the equal of any of the technacal challenges
facing the program. Experience on a smaller scale has been gained in this area through
the space shuttle and in the Ariane developments. More is being gained in the Space
Station Freedom program. The latter is the largest international science and technology
cooperative developmen' ever undertaken. The lessons learned in 1ts development will
need to be carefully . plied to future, even more comprehensive, programs. Many of the
management challenges 1inve.ve striking the right balance between accountability,
authority and responsibility among the various participants in the development and
operat:on of the faciliities. This becomes particularly important in the control of
requirements, design specifications and interfaces between elements and components
provided by various partners or the suppliers to the partners, such that systems which
cannot be tested as an inteqrated whole on Earth, can be assembled and operated safely
for decades in space.

Are the interests of maximising commercial benefits and spin off opportunities for
individual participants consistent with the technology transfer that inevitably will
occur between participants?

This question will doubtless exercise program partners and participants continually,
but 1s probably overrated in terms of 1its actual significance, It is now generally
accepted that vooperation in these large, technically sophisticated, one-off projects
1s much more beneficial to all participants than would be out-and-out competition
without cooperation.

Doegs the political will exist to pursue these "megaprojects”?

It 15 recognised that the world economy 1s presently such that many of the princaipal
participating countries in space activity are having to balance priorities carefully
1n establishing national budgets. Notwithstanding this, one consistent thread has been
found in surveys of the population of many of these countries, and that i1s that this
type of activity finds widespread favour and is considered to add to the long-term
health of society. Such popular encouragement is an important factor in obtaining the
continuing polatical support of these projects.

INTERNATIONAL COOPERATION

Space activity, saince 1its earliest days, has been characterised by international
competition and cooperation. The two dominant nations in space activity, the USA and
the USSR, bhave each chosen to develop space systems or instruments with their
respective friends and allies. In the manned space flight arena, they also cooperated
effectively with each other in the apnllo-Goyns Tear Dradaect, In qaneral, coaporation
between these two nations has tended towards coordination of parallel activities rather
than towards joint developments.

The cooperative space projects that the USA has undertaken with friends and allies have
been impressive, Over 1000 agreements with over 100 countries have been entered. The
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most significant to date is that for the development of space station. In this role as
a partner, the USA has done much to nurture the space capabilities of other nations,
and has in turn benefitted from the particular skills and resources these nations can
bring to the table.

Burope too has developed through ESZL, an impressive space program which is far stronger
than would have been possible without an international cooperative framework.

What then will be the level of internaticral cocveration in space activity in future?
The major projects under consideration are ol suc. magnitude that they will reguire for
their completion resources on & glcbal rather than a national scale. That i1s true not
only of the £financial demands that these large p.ojects create, but also of the demands
for skilled human resources. It is clear that for the future exploration of Mars, for
exanple, much would be gained through the coordination of complementary efforts whach
would 1include those of both the USA and of the USSR. This would be entirely
appropriate, as establishing new human communities beyond Earth needs to be an
international rather than a national effort. Without such cooperation, 1t 18 unlikely
that projects of tais nature would be completed within the working life of an aerospace
engineer.

Tne future then looks exciting. Significant and worthwhile projects that wili challenge
and harness the skills of many sectors of society have been identified on a quest of
human explorat:ion as significant as any ever previously undertaken. The skill will lie
in pacing the actavity so that it may proceed at a digestible pace,

CONULUDING COMMENTS

Space developments over the last thirty years or so have been remarkable: the solar
system has been probed, humans have left the bonds of Farth and a space infrastructure
has heen put in place. As one considers the next phases of space exploration, it 1§
perhaps worthwhile returning to the question of why soc:iety should have an interest in
assigning resources of the required magnitude into space development. At the most
fundamental level, i1t extends the understanding of the universe. As well, 1t allows
humanity to follow a strongly developed instinct to explore, prospect and settle the
soclar system as a natural extension of having settled Earth. In the process, the
creative energy of humans will be harnessed in a noble pursuit that finds a positive
response in all levels of society. Finally, even though the in.tial investment in
establishing the infrastructure 1s large, 1t 15 expected that its development will
continue to be a major catalyst for beneficial terrestrial spinoff.

In this paper, it has only been pgossible to touch br:iefly on the highlights of
signi1ficant space activity, but even from this survey i1t may readily be seen that the
1dentified present and future space missions have sufficient scope and depth that they
can provide a challenge to humanity and, in particular, to the young scientists and
engineers starting out on their careers to pursue a peaceful and systematic exploration
of our solar system and of the universe. Moreover, because of the exploratory and
fundamental nature of much of space activity, it lends 1tself well to cooperation
between enterprises and nations that would traditionally prefer to compete. Commercial
benefits will follow later.
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FLIGHT CONTROL ISSUES OF THE NEXT GENERATION
SPACE TRANSPORTATION LAUNCH VERICLES

by
Pachard W. Powell
I Christopher Naftel
Chrisiopher I. Cruz
NASA Langley Research Cenver
Hampton, Virginia 23665-5225 U.S.A.

ABSTRACT

A study has been conducted that investigated some >f the issues that affect the flight control and guidance system designs for
vertical-takeoff and honzontal-takeoff vehicles. The study used a two-stage all-rocket vehicie to represent the vertical-takeoff system
and a generic acrospace plane concept to represent the horizontal-takeoff vehicle. Two flight control issues for the vertical-takeoff
rocket were uncovered. The first was the large gimbal angle range required for pitch trim when using parallel mated vehicles The
second was control duning staging. Two issues were also identified for the air-breathing vehicle. The first is that the drag losses due
to acrodynamic trnim are a significant fraction of the total ideal velocity required to achieve crbit. The second issue 15 that since the
vehicle flies at high dynanuc pressure for most of the ascent, the guidance system design will be more difficult to ensure accurate
insertion than that for the ventical-takeoff rocket system.

INTRODUCTION

The Space Shuttle represents a major technological achievement 1n the space transportation capabilities of the United States;
however, one of the goals of the Space Shutile, namely low-cost space transponation, has not been met. These higher than anucipated
costs can be traced to Jower than expected flight rates, labor-intensive ground and flight operations, and recurring hardware costs The
next generation of launch vehicles must reduce the costs of delivering payloads to space, or mission planners will continue to be faced
with the prospect of restricted space activities in an era of budget consuints.

Many studies are currently being performed wiihin the space community to detemune launch systems that could provide this
payload delivery service at a much fower cost than either the current expendables or space shuttles  These studies can be grouped into
those vehicles that use near-term technology 1n their design and those that use more advanced technology. Each of these categories is
composed of many vehicles. This paper wilt analyze one design from each category that would have potential flight control system
1ssues not seen with today's vehicles.

Within the near-term technology vehicles, the one that was chosen for this stdy 1s a vertical-takeoff, two-stage, ali-rocket
vehicle that uses both paraliel thrusting (both the orbiter and the booster are thrusting at lift-off) and propellant crossfeed from the
booster to the orbiter. When a later technology readiness date 1s chosen, vehicles that employ air-breathing propulsion may become
pracucal. Because of this, an aerospace plane concept, which represents a horizontal-takeoff, single-stage-to-orbit vehicle that uses air-
breathing propulsion, was chosen for this study. Because many performance studies have been done and more are currently underway
on both these categones of vehicles, this paper concentrates on 1ssucs that affect the design of the fhgint control and guidance systems

This paper discusses the opumal ascent flight profile for each of these vehicles, the design of the guidance 2igorithms, the off-
nominal conditions used to evaluate the flight control issues, and the results of simulations with these off-nominal conditions

NOMENCLATURE
Ac engine capture area, m*
c mcan acredynamic cherd, m
Cp drag cocfficient, (drag/q..S), n.d.
CD&: drag increment coefficicnt due to elevon deflection (drag increment /q..5). n.d.
CL lift coefficient, (ift/ge.S), n d.
Clge Tift increment coefficient due to elevon deflection (lift increment /i1oS), n.d.
Cm pitching-mo oefficient (pitching moment/qeoSc), nd.
Cmge pitching-moment increment cocfficient due to elevor deflection (pitching-moment increment /go0Sc), nd.
Cr thrust coefficient (thrust/qeeAg), n.d.
Ct constant in commanded pitch angle polynomial, deg/scc

J

TR ST

L o




C2 constant in commanded pitch angle polynomial, deg/sec2
h altitude, m

Kp roll rate gain, sec

Kq pitch rate gain, sec

Kq pitch acceleration gain, sec2
K, yaw rate gain, sec

Ka angle-of-attack error gain, n.d.
Koy integral of angle-of-attack error gamn, sec*!
Kp sideslip angle gain, n.d.

Ko roll ervor gain, n.d.

Isp specific impulse, sec

LHp hquid hydrogen

LOX liquid oxygen

P roll rate, deg/sec

q pitch rate, deg/sec

q pitch acceleration, deg/scc2

qc commanded pitch rate, deg/sec
Qoo dynamic pressure, Pa

r yaw rate, deg/sec

S Teference arca, m2

S Laplace operator, nd.

AApogee change in apogee at orbital insertion as compared with optimal trajectory, km

AGrag change in geocentric radius at orbital insertion as compared with optimal trajectory, m
APerigee change in perigee at orbital insertion as compared with optimal trajectory, km

timejpiy time predictor-corrector algorithm is invoked, sec

ATime change in orbital insertion time as compared with optimal trajectory , sec

APayload change in delivered payload as compared to optimal trajectory, kg

AVIpEAL  ideal velocity increment, mysec

AVTHRUST velocity loss increment due to reduced thrust induced by atmosphens pressure, m/sec
AVOIRC AV required to circularize, mysec

AVCOR velocity loss increment due to coriolis effect, m/sec

AVAERO  veloeity fuss increment due i aerodynamics, misce

AVGRAY  velocity loss increment due to gravity, m/sec

AV 0SS total velocity loss increments, m/sec
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AVry velocity loss increment due to thrust vector not being aligned with velocity vector, nvsec
Ay change in flight path angle at orbital insertion as compared with optimal trajectories, deg
o angle of attack, deg

Oc commanded angle of attack, deg

Onom nominal angle of attack, deg

B sideslip angle, deg

¥ flight path angle, deg

Yo commanded flight path angle, deg

Sa aileron deflection ( (8¢j - 3ep)/ 2 ), deg

Sac commanded aileron deflection, deg

& elevator deflection ( (S¢p + 8ep) /2), deg

e commanded elevator deflection, deg

Se; witial elevator deflection, deg

B¢y left elevon deflection (positive trailing edge down), deg

Ser right elevon deflection (positive trailing edge down), deg

8ip engine pitch gimbal angle (positve up), deg

ﬁly engine yaw gimbal angle (positive left), deg

S rudder deflection (positive trailing-edge Ieft), deg

8re commanded rudder deflection, deg

0 commanded pitch angle, deg

Oynit pitch angle when predictor-corrector guidance algorithm 1s invoked, deg
[+ roll angle, deg

[0 3 commanded roll angle, deg

] standard deviation, n.d.

VERTICAL DESCRIPTION
Vertical-Takeoff Rocket Vehicle

The all-rocket vehicle (Fig. 1) used in this study was taken from the Advanced Manned Launch System vehicle studies
currentiy underway at NASA. Table 1 shows 1ts major characteristics. This velncle is composed of an unmanned booster and a
manned orbiter. The unmanned vooster stages at Mach 3 and performs an unpowered glide to the launch site. Mach 3 was chosen for
staging for two major reasons. The first 1s that this is the highest Mach number that would allow an unpowered return to the launch
site after staging with adequate rerformance reserves. The second is that at this low Mach number, no thenmal protection system is
required. Both the booster aad the orbiter engines use liquid hydrogen and liguid oxygen as propellants The orbiter engines use

preanaiag 2 v UPud

propetiam from the booste. until staging, and 1nternal propellant for the remainder of the ascent. For more information on this
configuration, refer to reference 1.
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Horizontal-Takeoff Air-Breathing Description

The air-breathing vehicle chosen for this study is a generic National Acro-Space Plane (NASP) concept. This vehicle uses all
air-breathing propulsion from takeoff to orbit insertion. Figure 2 shows this concept, and table 2 shows its major characteristics, This
vehicle is composed of an axisymmetric 5-deg half-angle conical forebody, a cylindncal engine nacelle section, and a cone frustrum
nozzle. The wing has a leading-edge sweep of 78 deg and is set at 0 deg incidence and dihedral. The wing is a 4-percent thick diamond
airfoil. Elevons are located at the trailing edge of the wing with their hinge line perpendicular to the fusclage centerline. The verucal tail
1s a 4-percent thick diamond airfoil with a leading-edge sweep angle of 70 deg, and includes a rudder with a hunge line at the 75 percent
chord position measured from the leading edge. The specific impulse and thrust coefficient charactensucs for the propulsion system are
shown in figures 3 and 4, These propulsion system characteristics were estimated for individual engine modules in an annulus
arrangement at the aft end of the conical forcbody.

AERODYNAMICS

The aerodynamic data base for both vehicles was generated using the Aerodynamic Preliminary Analysis System (APAS).24
APAS is an interactive computer code that predicts the acrodynamic characteristics of a vehicle from subsomc to hypersonic speeds
using a common geometric definition. APAS incorporates a variety of engincering techniques to estimate the basic longitudinal and
lateral-directional characteristics of acrospace vehicles as well as control effectiveness and dynamic denvanves. Slender body, vortex
panel, wave drag, and viscous drag methods are used in the subsonic to low supersonic speed regime. At the higher speeds, tangent-
cone, tangent-wedge, and reference enthalpy methods are utilized to approximate the pressure and shear stress distnbutions on the
vehicle, The APAS program has been used on many previous vehicles, and through comparisons with wind-tunnel and flight data, has
been shown to give results accurate to the fidelity required for this study.

TRAJECTORY SIMULATIONS

All the trajectories presented in this paper, with the exception of the separation trajectories, were generated by either the 3-
degree-of-freedom or 6-degree-of-freedom version of the Program to Simulate Optimal Trajectories (POST).5 POST 1s a generalized
event-orienied trajectory program that can be used to analyze ascent, on-orbit, and entry trajectones. POST can be used to optinuze any
calculated varniable which may be subjected to a combination of both equality and 1nequality constraints. The program has been
modified te include a predictor-corrector guidance capability. This scheme was implemented by including a 3-degree-of-freedom
sunulation as an inner loop to the main simulauon This allows the predictor-corrector gurdance model 10 have normnal environmental
charactensucs (planet, atmosphere, gravity, acrodynamic, propulsion, weights, etc.), while the main simulauon can have perturbed
characteristics.

The trajectory that was sumulated for both vehicles was a due east launch from the NASA Kennedy Space Center into a 185-km
circular orbit The vertical-takeoff rocket first inserted into a 93- by 185-km orbt and circulanzed at apogee. The honzontal-takeoff
vehicle inserted into an orbit with a 185-km apogee and circularized at apogee with rockets. The perigee can not be specified because
of the nature of the transfer orbit. This transfer orbit takes the vehicle from the high dynamic pressure trajectory that is required for the
use of air-breathing propulsion to apogee. The altitude of the trajectory while using air-breathing propulsion 1s detcrmined by the
atmospheric density and thus could vary greatly.

GUIDANCE ALGORITHMS
Vertical-Takeoff Rocket Vehicle

The guidance philosophy of the two-stage all-rocket vehicle was to fly the trajectory that would maximize payload while not
exceeding any vehicle constraints. These constraints were a maximum dynanuc pressure of 40.7 kPa, a maximum wing normal force
of £2.15x100 N for the orbiter and £1.27x106 N for the booster, and an angle of attack at staging between -6 and 2 deg. Thrs angle-
of-attack limitation was imposed as a result of an imit1al staging analysis. This staging analysis 1s discussed 1n more detail fater, This
optimal ascent was determined by using the 3-degree-of-freedom version of POST. Thas POST simulation ncluded the gimballing of
the engines in pitch by requiring the vehicle to be statically trimmed longitudinatly throughout the ascent. Because this vehicle does not
use acrodynamic control surfaces during ascent, it was determined that a 3-degree-of-freedom simulation that required the vehicle to be
statically trimmed both longitudinally and directionally with the use of engine pitch and yaw gimballing would be suitable to ana! z¢
flight control issues.

The guidance algorithm for this vehicle was divided into two parts. In the first part, the vehicle was commanded to fly 1
reference trajectory. This was done by calculating an error signal that was a inear combination of the differences between the curr..at
and optimal geocentric radii and flight path angles. This error signal was then used to ccmmand the pitch attitude of the vehicle. . -
350 sec into the trajectory (= 100 sec before orbital insertion), the gutdance algonthm switched to a predictor-corrector algorithm,
which was designed to ensure an accurate insertion. This algorithm determined the linear and quadratic coefficients of a polynomsal
that described the commanded pitch attitude (0=0;pj+C1(time-time;ni)+C2(ume-time,n,)2). This predictor-comector algorithm was
usilized 1o update the control hisiory at 10-5¢¢ intcrvals untll orbital insertion, The predivior-cotrecior aigoritiim used 3-degree-of-
freedom equations modified to include longitudinal static trim through the use of engine gimballing. For this study, the predictor-
corrector model used the same planet, gravity, propulsive, and acrodynamic models as the actual simulations. The atmosphenc model
was the 1976 standard (Ref. 6). The predictor-corrector models were unaware of atmospheric dispersions or winds. This was done to
simulate the case where no day-of-launch atmospheric conditions and no onboard measurements would be used to provide atmosphenc
information. If the algorithm provides for accurate insertions using only a standard atmospheric model, operational costs will be
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reduced. If atmospheric data are available, either through day-of-launch operations or through the use of onboard systems, this
info.mation could be passed to the predictor-corrector aigorithm and would decrease the number of required updates.

Horizontal-Takeoff Air-Breathing Vehicle

As with the vertical-takeoff vehcle, the guidance philosophy of the air-breathing vehicle was to fly a trajectory that would
maximize inserted payload without violating any vehicle corstraints. The most sigmificant constraint was a dynamic pressure it of
57.5 kPa for velocities less than Mach 1 and 2 limit of 95.8 kPa for velocities greater than Mach 3. Between Mach 1 and Mach 3, the
dynamic pressure constraint was varied lincarly between these limits. The optimal trajectory as determined by POST was to reach
95.8 kP2 as soon as possible and then to fly this boundary until sufficient velocity was obtained that the vehicle could pull up to a
transfer orbit. At this velocity, the vehicle performed a powered pull up until dynamic pressure was reduced to 23.9 kPa. At this point,
the engines were shut down and the vehicle coasted to apogee and then circularized with rocket propulsion. This opumal trajectory used
the elevons to swaiically trim the vehicle in pitch.

It was found that if the pull-up mancuver was modelled as a constant angle of attack pull up at a constant throttle setting, it
would agree closely with the optimal maneuver. Therefore, this simplified technique was simulated for this flight control 1ssues
analysis. Because of the use of acrodynamic control surfaces and the long flight times at high dynamic pressure, 1t was determined that
a 6-degree-of-freedom simulation would be necessary to assess the flight control issues. The guidance algorithm was designed to
follow the optimal profile with the predictor-corrector algonthm operating as an outer loop control to determine the pull-up point. This
optimal profile was charactenzed by dynamic pressure (q), flight path angle (y), and acceleration. A schematic of this guidance 1s
shown in figure 5.

‘The predictor-corrector algorithm used 3-degree-of-freedom equations of motion that were modified to mclude longitudinal
static trim by elevon deflections. For this study, the predictor-corrector model used the same planet, gravaty, and propulsive models as
the actual simulations. The acrodynamic model was composed of the untrimmed Cy, and Cp coefficients as well as Cy 5., Cpg,, 2nd

Cm S which describe the elevator effectiveness. These aerodynamic data were derived from the acrodynamic data used in the 6-degree-

of-freedom simulation The basic atmospheric model used in the predictor-corrector algorithm was the 1976 standard. However, this
model had to be modified because the vehicle flies a dynamic pressure profile when 1t enters the predictor-corrector guidance. if the
atmospheric model was not modified, the gmdance laws for the predictor-corrector algorithm would see an immediate unreahstic
dynamic pressure error. To correct this defect, the atmospheric density used by the predictor-corrector algorithm 1s the 1976 standard
atmosphere modified by a constant factor. This factor is the ratio of the actual dynanuc pressure to the dynamic pressure predicted by
1976 standard atmosphere. This factor 1s calculated whenever the predictor-corrector algorithm is invoked

AIR-BREATHER FLIGHT CONTROL SYSTEM

The requirement for a 6-degree-of-freedom simulation dictated that a control system for the air-breathing vehicle had to be
designed. A schematic of the control system is shown in figure 6. The philosophy was to use the elevons for both pitch and roll
control This was accomplished by differcatially deflecting the clevons so that they would function for both elevators (8¢) and ailerons
(3a) Thus, the elevons were used to control both angle of attack and bank angle. The rudder was used to control sideshp angle. The
cngines were throttled to maintain the optimal acceleration profile. The engines were not gimballed for this study.

OPTIMAL TRAJECTORIES

The optimal ascent trajectory for the vertical-takeoff rocket vehicle from Jaunch to orbtal insertion 1s shown in figure 7. The
orbiter inserts into a 93- by 185-km orbit, then coasts to apogee where the orbit is circularized The 1deal velocity (AV) and velocity
losses for this trajectory 2re shown in table 3. This table also shows the velocity losses associated with using engine gimbal for tnm.

This optimal ascent points out two potential flight control system issues. This class of vehicle, namely two-stage employing
parallel burn and crossfeed, will have a large lateral center-of-gravity shift during ascent until staging. If the pitch trim 1s provided
solely by engine gimballing, this will result in a large gimbal angle requirement, For this case, a 25-deg range was required solely for
trim Studies are currently underway to assess the significance of this large gimbal angle requirement, This is discussed 1n more detail
in the following section.

The second issue is the control requirement to ensure a successful staging. The trim requirements alone require that the orbter

engines gimbal over a range of >25 deg at staging. Many other issues, such as interference acrodynammics, wili make the staging of any
multiple-staged parallel-mounted vehicle a serious control issue.

The optimal ascent trajectory for the horizontal-takeoff air-breathing vehicle is shown in figure 8, The AV ard velocity losses
for this trajectory are shown in table 3. The table also shows the velocity losses associated with using the elevons for tnm. The onc
potential flight control issue uncovered by this simulation is the large value of velocity loss associated with tnm Thicindicates that the
use of active center-of-gravity control or thrust vectoring should decrease the amount of propeliant sequired.
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RESULTS AND DISCUSSION
Vertical-Takeoff Rocket Vehicle

Atmospheric Density Variations

The first off-nominal conditions used in the flight control sensitivity analysis were constant bias factors apphed to the standard
atmospheric density. The optimal trajectory discussed in the previous section was detemmined with the 1976 standard atmosphere. The
off-nominal densitics were simulated by applying factors of 0.8 10 1.2 to the standard density. The results of these cases are shown in
table 4. The guidance algorithm was able to successfully fly these off-nomnal conditions, and no performance issues were uncovered,
The total amount of payload variation, when compared with the optimal profile, ranged from -3452 to 782 kg.

To simulate a more realistic variation in atmospheric density, mean density profiles for each month of the year as determined by
the Global Reference Atmosphere Model (GRAM) were used The GRAM (see Ref. 7), was developed to provide realistic
atmospheric data including winds. The GRAM provides both mean and periurbation data. The results from the sunulations are shown
in table 5. The total amount of payload variation, when compared with the opumal profile, ranged from -504 to -208 kg.

Atmospheric Density Variations Including Winds

Simulations were also conducted with these same atmospheric density profiles with winds added. The results of these

simulations are shown in table 6. The total amount of payload variation, when compared with the optimal profile, ranged from -504 to -
189 kg.

In addition, trajectories were simulated using 10 perturbed profiles for a single date (July 1, 1989). The results of these
simulations are shown in table 7. The total amount of payload variation, when compared with the optimal profile, ranged from -472 to -
603 kg. In addition, trajectories were simulated with a £3 ¢ variation in the mean density for this sarae date. These results are given in
table 7 and show a payload varianon when compared with the opumal of -1056 to -118 kg.

Gimbal Angle Reduction

While studies are underway to assess the impact on vehicle destgn of large pitch-gimbal angles, control studies are being
zonducted to assess the relative merits of alternate control techniques. The most promis:ng solution found to date 1s to provide control
» both throttling and gimballing the engines. To illusirate this technique, the optimal trajectory was detenmined with a maxinium
vahle gimbal angle of 10 deg. To provide the additional required pitch control, the booster engines were throttled when the engmnes
it this gimbal limit. After staging, the engines remain wathin the 10-deg limit. The companson trajectones are shown mn figure 9,
ano  le 8 illustrates the perfonnance differences. For this study, all the booster engines were throttled equally. In actual practice,
engines would be shut down to avoid the deep throttling required for trim. The use of this technique results 1 a reduciton in mserted
weight of 1288 kg. Thus, this technique would be worthwhile if the penalty to allow the large gimbal angles exceeds this value.

Separation Analysis

One of the significant design issues for any multi-stage vehicle is to provide a safe scparation at staging. This veh.cle is
different from any that have been flown to date in that both the orbater and booster arc winged. An additional complication 1s that at
staging, the booster (the fower vehicle) is empty, and the orbiter 15 fully fueled as a result of using propellant crossfed from the booster
to fuei the engines of the orbiter until staging. Because ot these issues, a preliminary analysis of the staging maneuver was conducted.

The computer program used in this analysis is described in rzference 8. This program provides for the 6-degree-of-frecdom
analysis of multiple bodies. For this study, only the longitudinal modes were analyzed, and no interference effects were added to the
acrodynamic data base. The separation sequence that would provide a successful separation was to shut down the booster cngines,
release the forward attachmert strut, atlow the booster to rotate until the angle between the two vehicles reached 2 deg, and then release
the aft attachment strut. After staging, the booster was commanded to fly an angle of attack of <10 deg. The control system used by the
booster during the scparation is shown in figure 10. The nominal separation is shown in figure 11 relative to the orbiter. The state
conditions at staging are shown in table 9, and the angle-of-attack and clevator histories are shown in figure 12. Separation trajectonces

were also analyzed at off-nominal staging angles of attack. This analysis showed that a successful separation required that the staging
angle of attack must be between -6 and 2 deg.

Conclusions

The predictor-comrector guidance algorithms provided for accurate insertions with errors in geocentric radius at inscrtion of
<1 m for all cases. In all the atmospheric dispersion cases studied, no additional flight control 1ssues other than those discussed
previously, namely large engine gimbal angles and the staging maneuver itsclf, were uncovered. Solutions to both of these concerns
have been developed, and a preliminary analysis of each has been completed.

Horizontal-Takeoff Air-Breathing Vehicle

Nominal Trajectory

The predictor-corrector algorithm is used only to determine the velocity at which to begin the pull-up mancuver. The target
conditions of the predictor-corrector algorithm were modified such that for the nominal case the 6-degrec-of-freedom simulation using
the predictor-corrector guidance algorithm would give the same results as the aptimal trajectory.
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Atmospheric Density Variations

The same strategy that was used to assess the flight control 1ssues for the verucal-takeoff rocket vehicle was used for the
horizontal-takeoff vehicle. The first off-nominal conditions were the constant factor biases applied to the standard atmosphere. As
with the rocket vehicle, these factors were varied from 0.8 to 1.2, Becauss the predictor-comector guidance algorithm calculates a
density factor that matches dynamic pressure when the algorithm is first entered, the atmospheric model used by the algorithm was
identical to the one used by the simulation. The results of these simulations are given in table 10. The total payload variation,
including the AV required for circularization, when compared with the optimal profile, ranged from <381 to 177 kg.

The results of the simulations using the density profiles from GRAM are shown in table 11. These density variations also
uncovered no flight control issues, and the total payload variation, when compared with the optimal profile, ranged from 38 to 581 kg.

Atmospheric Density Variations Including Winds

‘The simulations that used the GRAM density and wind profiles are shown in table 12. These density vanations also uncovered
no flight control issues, and the total payload variation, when compared with the optimal profile, ranged from 22 to 611 kg.

In addition, trajectones were also simulated using the same 10 perturbed profiles used by the all-rocket vehicle for a single date
(Juiy 1, 1989). The results of these simulations are shown in table 13. The total amount of payload variation, when compared with the
optimal profile, ranged from 452 to 546 kg. In addition, trajectories were simulated with a £ 3 ¢ variation 1n the mean denstty for this
same date. These results are given in table 13 and show a payload vanation whea compared with the optimal of 406 1o 583 kg.

Conclusions

As with the vertical-takeoff rocket system, the addinon of off-nominal atmospheric conditions did not uncover additional
significant flight control issues over those uncovered during the determation of the optimal trajectonies. However, when one
compares the insertion accuracy of the vertical-takeoff system (tables 4-7), with the inseruon accuracy of the honzontal take-off vehicle
(tables 10-13), one notes that the vertical-takcoff rocket was inserted with accuracies of 1 m, whereas the honzontal take-off
airbreathing vehicle had msertion errors as hugh as 4.8 km, To improve this accuracy will require that the amr-breathing vehicle be able
to modulate 1ts acceleration after the main engines are shut down (23,9 kPa to insertion). The required change to the gmdance algonthm
would be minor, but more fuel would be required for ascent.

SUMMARY

A study has been conducted that investgated some of the issucs that afiect the flight contro! and guidance system designs for
vertical-takeoff and horizontal-takeoff vehicles. The study used a two-stage all-rocket vehicle to represent the vertical-takeoff systemn
and a generic acrospace plane concept to represent the honizontal-takeoff vehicle. To conduct this study, a robust guidance algonthm
was designed for both vehicles. These algorithms demonstrated very accurate ansertion capability under the conditions simulated for
the vertical-takeoff all-rocket vehicle and moderate insertion accuracy for the horizontal-takeoff air-breathing vehicle.

Two flight control issues for the venical take-off rocket were uncovered. The first was the large girabal angle range required
for pitch trim when using parallel mated vehicles. The second was control during staging.

Two issues were also identified for the air-breathing vehicle. The first was that since the drag losses are a significant fraction of
the total ideal velocity required, the drag associated with trimming needs to be reduced. The second issue was that sice the vehicle flies
at high dynamic pressure for most of the ascent, the guidance system design wall be more difficult to insure accurate inscrtion.

FUTURE WORK

No flight control issue has been identified 1n this paper that would preclude the selection of cither of these two classes of vehicle
for the nzxt launch vehicle. However, this paper has been able to address only a few of the issues that will affect the design of the flight
control and guidance systems for the next-generation spacecraft. Some major areas that were not discussed, but which are currently
being examined at the NASA Langley Research Center, include additional atmospheric anomalies such as gusts and turbulence, control
during staging, as well as alternate trim techniques.
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TABLE 1. CHARACTERISTICS OF VERTICAL- TABLE 2. CHARACTERISTICS OF HORIZONTAL-
TAKEOFF ROCKET VEHICLE TAKEOFF AIR-BREATHING VEHICLE

BOOSTER Gross mass, Kg-..vveovrrireninneeseeninnne 136,079

Gross mass, Kg...oovvrriinnvinenneninnane 453,742 Dry mass, Kg..ccomrmminennnn. 58,968

Dry mass, Kg....veereeeeesiermmssinnnnennns 48,699 Payload, kg ...couerrnnnnnineinnnns vorirenenes 9,100

Numboer of EngINES.ueceeirririieeeeiicirrrrrenionns 6 Circularization engine Igp, seC..ooiirennnnnns 465

Vacuum engine thrust, N.....ovovevnns 1.557x106 Wing reference area, MZ.trsreserssserasenss 32

Engine vacuum Igp, SEC...ccumiirirrmmmmuns 438 SPAN, Muivevirierierennreisesseneseissanasnes 18

Wing reference anea, mZ2.......evevereeseeeenas 144 Mean acrodynamic chord, M...eeveerevenereses 24
ORBITER Engine tiust and Igp characteristics are shown in

Gross mass, Kg..ovvnurensneviiinenriannonns 538,361 fgures 3and 4

Dry mass, Kguuvovereanieereniiiner veerenne 69,387

Payload, Kg..... . covvencinninvineinianns 9,100

Number of €ngines..oecereennverennns P -

Engine vacuum thrust, N.......veeuuens 1.557x106

Frgine vacoum Iy, sec | v 435

Wing reference arca, M2......voeveireuvisreesee 185




TABLE 3. RELATIVE VELOCITY LOSSES OF ROCKETAND AIR-BREATHING VEHICLES

ROCKET AIR-BREATHER
AV, mjsec 9,324 10,749
AV 0§S, m/sec 1,872 3,372
AVAT, m/sec 200 0
AVp, m/sec 193 2,725
AV, misec 1,327 636
AVTy, m/sec 156 16
AVep, mysec -4 5
AVCIRC mVsec 26 162
Velocity losses due to o’ 0
gimballing, mysec
Vector losses due to 0 366

clevon deflection, m/sec

TABLE 4, VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR CONSTANT FACTOR
ATMOSPHERIC DENSITY VARIATIONS

EACTOR=08  FACTOR=09 FACTOR=Ll FACTOR=l2

A Payload, kg 782 464 -849 -3452
A Time, sec 211 0.7 12 5.1
AGrad, m -0.6 -0.15 0.2 -0.03
Ay, deg -0.0003 <0.0001 0.0003 -0.0001

TABLE 5. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GRAM ATMOSPHERIC
DENSITY VARIATIONS
(Monthly Mean Density With No Winds)

JANUARY, EEBRUARY MARCH APRIL, MAY. JUNE
A Payload, kg -254 -208 =225 =277 <339 -416
A Time, sec 0.4 0.3 0.3 0.4 0.5 0.6
AGpag, m 0.44 0.03 0.24 0.15 0.12 0.06
Ay, deg 0.0004 0.0002 0.0003 0.0004 0.0003 -0.0001
A Payload, kg -504 -470 -a11 -334 286 -282
A Tune, sec 0.7 0.7 0.6 0.5 04 0.4
AGgug, -0.09 0.18 0.33 0.4 0.4 0.09

Ay, deg ~0.0001 0.0002 0.0004 0.0004 0.0004 0.0003
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TABLE 6. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GRAM ATMOSPHERIC
DENSITY VARIATIONS
(Monthly Mean Density With Winds)

A Payload, kg
A Time, sec

AGrag, m

Ay, deg

A Payload, kg
A Time, sec

AGpag, m

Ay, deg

JANUARY, EEBRUARY MARCH APRIL,

212 -189 -250 -329

0.3 0.3 0.4 0.5

0.34 0.03 0.24 0.15

0.0004 0.0001 0.0003 0.0004
JULY AUGUST SEPTEMBER QCTOBER

-504 -449 -398 -315

07 0.7 0.6 0.5

-.09 0.21 0.37 0.40

-0.0001 0.0003 0.0004 0.0004

-364
6.5
0.12
0.0003

NOVEMBER

-269
0.4
0.40
0.0004

-411
0.6
0.06
-0.0002

DECEMBER
-255
0.4
0.09

0.0003

TABLE 7. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GRAM ATMOSPHERIC
DENSITY VARIATIONS

A Payload, kg
A Time, sec

AGppg, m

Ay, deg

A Payload, kg
A Time, sec

AGpad,m

Ay, deg

A Payload, kg
A Time, sec

AGrag, m

AY, deg

-603

0.9

-0.24
0.0004

PERT #6
-562

0.8

0.06

0.0002

3¢ PERT
-1056
1.5
0.49

-0.001

-0.31

-0.0005

-562

0.8

-0.21

-0.0001

-3¢ PERT
-118
-0.2

-0.49

0.001

(Perturbations for July 1, 1989 With Winds)

PERT #3 PERT #4 RERT #5
-564 566 -570
0.8 0.8 0.8
0.15 -0.18 -030
0.0004 -0.0003 -0.0005

PERT #8 PERT #9 RERT #10
-528 -526 -472
0.3 0.8 0.7
-0.18 0.18 -0.15
-0.0002 -0.0001 -0.0002
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TABLE 8. COMPARISON OF ROCKET VEHICLE WITH AND WITHOUT ENGINE GIMBAL CONSTRAINTS

WITHOUT GIMBAL CONSTRAINTS  PETCH GIMBAL ANGLES LIMITER TO
£ 10 DEGREES

AV, mysen 9,334 9,381
AV 0ss, misec 1,872 1,918
AVTHRUST, nVsec 200 211
AVAERO- /52 193 154
AVGRAY, m¥/sec 1,327 1,342
AVTy, msec 156 175
AV(CQOR, msee -4 4
AVCIRC. m/sec 26 26

Tume to staging, sec 104.8 114.4
lime to insertion, sec 438.3 449.5

TABLE 9. VERTICAL-TAKEOFF ROCKET STAGING CONDITIONS

Alutude, m oo 24,687
Velocity, m/sec.uuere vvvvrvens . 835
7% (-7 OUU PR 37.5
O dEE wvrerisinen rreersviinns o -1.7
Mach.... . o 2.8

TABLE 10. HORIZONTAL TAKE-OFF AIR-BREATHING SIMULATION RESULTS FOR CONSTANT
FACTOR ATMOSPHERIC DENSITY VARIATIONS

FACTOR=08  FACTOR=02  FACTOR=Ll FACTOR=12
A Payload, kg. -381 -176 150 177
A Time, sec 15.5 7.0 -5.9 -6.9
A Apogee, km 0.6 02 0 0

A Perigee, km 7.8 3.5 -3.3 -6.9
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TABLE 11, HORIZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM
ATMOSPHERIC DENSITY VARIATIONS
(Monthly Mean Density With No Winds)

JANUARY. EEBRUARY MARCH APRIL MAY JUNE
A Payload, kg 307 249 270 475 581 557
ATime, sec -8.5 -6.8 -5.2 6.2 9.7 9.0
A Apogee, km 4.3 3.5 2.0 2.6 4.1 3.0
A Perigee, km -1.4 -6.1 -4.3 4.3 7.6 -5.7

JULY AUGUST SEPTEMBER QOCTOBER NOVEMBER DECEMBER

A Payload, kg 485 341 295 239 38 289
ATine, sec 7.5 -1.6 -6.3 -6.0 14 7.1
A Apogee, km 2.0 1.7 0.9 1.5 2.8 3.1
A Perigee, km 48 -5.9 -4.8 -4.8 -1.2 -6.1

TABLE 12, HOR"ZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM
ATMOSPHERIC DENSITY VARIATIONS
{Monthly Mean Density With Winds}

JANUARY. FEBRUARY MARCH APRIL MAY JUNE
A Payload, kg 257 198 230 458 596 611
A Time, sec -8.2 -5.7 -4.3 -5.3 9.5 -10.3
A Apogee, km 4.6 3.0 1.5 2.2 4.1 37
A Perigee, km 9.3 -8.9 -6.9 -5.6 1.2 -3.3
JULY, AUGUST SEPTEMBER QCTORER NOVEMBER DECEMBER
A Payload, kg 482 369 307 240 22 249
A Time, sec -10.3 -8.9 -6.9 -4.8 -5.2 -5.0
A Apogee, km 3.0 2.2 L1 0.9 1.3 2.2

A Perigee, kim -2.4 -3.9 -4.3 -6.5 -10.7 9.1




TABLE 13. HORIZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM
ATMOSPHERIC DENSITY VARIATIONS

(Perturbations for July 1, 1989 With Winds)
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A Payload, kg 487 504 508 522 507
A Time, sec -9.0 -11.4 9.0 -11.9 9.6
A Apogec, km 1.1 2.8 1.4 3.0 24
4 Perigee km 2.2 -33 0.4 -5.0 -1.7
PERT#6 PERT.#7 PERT#8 PERT#9 PERT #10
4 Payload, kg 503 452 474 509 546
A Time, sec -6.8 -12.0 9.5 -8.9 -11.3
A Apogee, km 1.7 3.7 28 2.6 15
A Perigee, km 3.1 -6.1 -1.3 -0.2 0.6
39 PERT -39 PERT
A Payload, kg 583 406
A Time, sec -19.1 0.2
A Apogec, km 4.4 1.3
A Pengee, km -12.6 9.4
Boosti)rrbner \A—p LH, tank _——?-
%\ 18.3m
-4
365m 40.7m LOX tanks
" caniie
| 61m |
L —t Payload bay i

30.8m

Figure 1,

Vertical-takeoff rocket vehicle.

Figure 2, Horizontal-1akeoff of air-breathing vehicle.
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Figure 3. Isp characteristics of air-breathing vehicle.
Figure 6. Schematic of control system for
air-breathing vehicle.
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Figure 7. Optimal ascent trajectory for vertical-takeoff
rocket system.
20 201
10+
o ol
%aom v, . de9
Ka., ¥ -10}
% 2 Y 20k ) N
500 =
. ;;:
(b) Engine pitch gimbal angle and angle-of-attack histories. ?}
Figure 5. Schematic of guidance algorithm for 3
air-breathing vehicle. Figure 7. Concluded. P
=

e




120
140
100} L
120} ¥ \
] N a
80F  100f/ \
1 H
| :
Q.,- (4] 3 801-1 t
h, H H
kPa X H ]
601} !
40l '
s !
H f
20} ! \
20H ]
! 1
1 \
ol ] i 1 ! ! AN 3
[ 256 500 750 1,000 1,250 1,500

Time, sec

Figure 8. Optimal ascent trajectory for horizontal-takeoff
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Figure 9. Comparison of control histories for vertical-takeoff
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Figure 9. Concluded.

Figure 10. Booster pitch flight control system for
scparation mancuver.
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Figure 12 Time history of booster angle of attack and clevator
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ASCENT and DESCENT TRAJECTORY OPTIMIZATION of ARIANE V/HERMES
C.Jinsch, K.Schnepper, K.H. Well

Institute for Flight Systems Dynamics
Deutsche Forschungsaastalt fiir Lufi—und Raumfahrt(DLR)
(German Aerospace Research Establishment)
Oberpfaffenhofen, Federal Republic of Germany

Summary

An overview over the state of the art of trajectory optimization of aerospace vehicles is given
with emphasis on applications to ARIANE V ascent trajectories and HERMES reentry
trajectories. The paper briefly reflects on some of the numerical methods used in the past and
describes in more detail two relatively new methods under development, both of which need
efficient sequential quadratic programming for solving the associated nonlinear programming
problems. A detailed description of the equations of motion, the boundary conditions and the
flight path constraints for the ARIANE V ascent and the HERMES reentry is presented and
numerical results are given for an optimal ascent into geostationary transfer orbit, into a

sun—synchronous orbit, into a 28.5° transfer orbit for the ARIANE V/HERMES combination,

and an optimal reentry from a 28.5° orbit to Istres. The paper concludes with an outlook into
trajectory optimization of space vehicles with airbreathing engines.

1. INTRODUCTION

Ascent trajectory optimization of rockets has been one of the driving applications for developing
new optimization methods, more efficient algorithms and software for almost 30 years. This is
not surprising since only a small fraction of the total lift—off mass of a rocket can be utilized as
payload and, therefore, it is most important to select the best ascent profile. For this purpose the
motion of the vehicle can be analyzed by looking at the motion of the center of mass and
neglecting the rotational dynamics. Mathematically this requires the solution of a set of ordinary
differential equations{1] which are controlled by pitch~ and yaw-angles from lift—off until
burn—out of the last stage. The purpose of optimization is to select the time histories of the
control functions in such a way as to maximize the payload in the desired orbit while observing
all vehicle— and mission constraints.

Descent trajectory optimization has been of interest ever since reentry vehicles are capable of
generating lift forces during the reentry and using these to change their flight paths. Here, too,
the analysis can be done by considering mass point motion only, and the control functions are
for instance angle of attack and velocity bank angle. There are various performance criteria of
interest such as maximizing the crossrange or minimizing the total heat load accumulated along
the flight path. Most important are temperature constraints at various critical points of the
vehicle, for instance at the stagnation point, at the leading edge of the wings, or at critical points
at the lower wing/fuselage surface. Other constraints are on maximum permitted deceleration,
on maximum permitted dynamic pressure and on maximum permitted hinge moments of some
of the control surfaces.

The above described optimization problems are optimal control problems which can not be
solved analyucally except in rare cases where one makes sxmpleymg assumpnons such as
ll\:sl\-btlub lll\: \-ff\-\-t Uf lh\' nuuvoyu\av uud VUllDldbll“b uupu{anb a\o\,\,x\duuuub Ul ll\abl\«\«ll“b
the atmosphere and assuming flat earth and constant gravitational forces for the ascent problem,
or assuming zero flight path angle and neglecting gravitational forces during for the descent
problem. Solutions obtained with these kind of simplifying assumptions can serve the analyst
quite well, they must be checked, however, by comparing them with numerical solutions
obtained using a full order dynamic model. To this end various optimization methods are
available.
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The first class of methods are gradient and conjugate gradient methods which have been applied
for these kind of problems successfully in the past, f.i.Ref.[2]-{S). Parameterizing the control
functions over a user specified grid has bern a successful approach for solving trajectory
optimization problems, too. This technique transforms the optimal control problem into a
nonlinear programming problem and was first applied to rocket trajectories in [6], later in
[71~[9]. Improvements in methods for solving nonlinear programs have been utilized in the later
papers. The ascent trajectory of the US—Shuttle has been designed using this approach. At the
European Space Agency(ESA) there exists software based on this approach. In [10] and [11] the
ideas of Davidon Fletcher Powell on Quasi—Newton Methods for nonlinear programming was
extended to function space and applied to ascent trajectory optimization. All these methods are
considered first order methods since they make use of first order information onlv. First order
algorithms need the system— and the adjoint differential equations, which have to be solved in
backward or forward direction once in each iteration. Second order information is built up —
where required — during the course of the iteration sequence.

Second order methods for solving trajectory optimization problems have been proposed early in
the development, too. The most widely used one is the Multiple Shooting Algorithm (MSA) first
presented in [12] with later extensions in [13]. Second order methods — except the MSA — need
analytical second partial derivatives of the system equations which are cumbersome to get for
complex trajectory problems. The MSA generates the second order information numerically and,
therefore, is the only competitive optimization method in its class. Here, the system equations
must be integrated forward together with the adjoints in each iteration. The switching structure
of the optimal solution must be known in advance. It has been successfully applied to ascent and
descent problems in [14] and [15].

A different computational method is due to Bellman's Principle of Dynamic Programming. Here,
tie constrained optimal control problem is discretized and a multistage decision making problem
is obtained which is being solved by a special recursion formula based on Bellman's
optimization principle. This method suffers from the so called "curse of dimensionality” because
computer time and RAM storage demands increase exponentially with the dimension of the state
vector. This has limited its applicability to small problems, say three state variables at most.
Indirectly related to the dynamic programming method through the Hamilton—Jacobi partial
differential equation is the differential dynamic programming method. In [17] numerical
experience with a first and a second order version of the algorithm for aerospace problems is
reported. This method needs adjoint differential equations and in its second order version even
analytical second partials with respect to the state. DDP methods have seen only limited
applications.

The significant advance in solving constrained nonlinear programming problems has been the
development of efficient quadratic programming(QP) solvers within the last 10 years and this
has renewed the interest in trajectory optimization algorithms based on parameterizing the
optimal control problem. In [18]—-{21] recursive quadratic programming is applied to space
trajectory optimization in connection with an indirect method. QP solvers are used in connection
with direct methods in [22]-[23] and in [24]. Here a multiple shooting structure is introduced
into the parameterized optimal control problem thus making forward differencing for generating
estimates for partial derivatives with respect to the parameters as efficient as using adjoints. In
[25} a special integrator is presented which enhances the performance of the algorithms for
parameterized control calculations even further. Results for ascent and descent optimization are
given in [25]-[29]. Another new approach which utilizes the advance in solving QP's efficiently
is presented in [30] using direct collocation for satisfying the differential system. The associated
software is known in the United States under the Name OTIS and has found widespread use at
many government laboratories, in industry, and at some universities. It has been applied
successfully for analyzing the ascent trajectories of new launch vehicles with airbreathing
engines.

In this paper two new methods under development at DLR are presented, one based on
parameterizing the control functions and multiple shooting for integrating the system equations
numerically. This aigorithm is presented under the name PROMIS. It has several advanced
features such as a separate discretization grid for each component of the control vector, variable

control model function selection options, a separate grid for handling state
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constraints, efficient integration of the system equations by using the integrator from [25], and it
does not need adjoint differential equations. The other method is based on direct ccilocation for
satisfying the system differential equations. It is an extension of the method preseated in [30]
with additional features such as automatic scaling and variable grid selection. The system
equations need not to be integrated explicitly and the method does not need adjoints. This one is
presented under the name TROPIC. These methods are being developed with the primary goal
of having efficient software for trajectory optimization of aerospace vehicles. Particular
emphasis is placed on an advanced user interface which makes it easy to set up a new
optimization problem, change the models, perform iteration sequences, analyze intermediate and
final results, and switch from one type of method to another one. These methods will be
applicable for trajectory optimization of winged launchers with airbreathing engines, for
instance HOTOL or SANGER IL

2. MATHEMATICAL MODELS for SIMULATION and OPTIMIZATION

ions of motion
The point mass equations of motion in a flight path coordinate system over a spherical, rotating
earth with no wind in the atmosphere are[1]

V= rmé(coszﬁ siny—sind cosd cosy cosy) — g siny + (T/m)coso cose +X, /m

% = (V/r)cosy siny, tand + 20 (sind~cosy, cosd tany) + rwé(Vcos‘y)—lsinx sind cosd
- T(chosy)—lcosc sing — YW(chos*y)_1

¥ = (V/r)cosy + ZmEsinx cosd + (rmé/V)(cosza cosy + sind cosd siny cosy)
— (g/V)cosy + (mV) ™ (Tsino+Z, )

A = (V/r)cosy siny (cosd) L (1)
8 = (V/r)cosy cosy,
r= Vsmy

Here, V is the vehicle velocity relative to an earth fixed coordinaie system, r its radius vecior
from the center of the earth, %,Y are azimuth and path inclination which measure the orientation
of the flight path coordinate system relative to a local horizontal system. A,0 are geographical
latitude and longitude of the vehicle. T is the thrust, m the vehicle mass, X W,Y - Z W are the

aerodynamic forces acting on the vehicle. The angles ¢ and € are the directions of the thrust
vector with respect to the flight path coordinate system. They represent the control functions in

the differential system. (1)5(7.2921*10_3 rad/s) is the angular velocity of the earth's rotation. ¢
and € can be replaced by body pitch and yaw angles 9 and y through the transformation

c0sC cosa] [sine cosy siny, + siny cosy,,
€OSC sing sin® cosy CosY, = siny siny o V3]
sine [ cosf cosy

where the subscript o indicates angles at t=0 and where A(x O,SO,A,S,x,y) is a transformation

matrix depending on the angles consisting of five orthogonal transformations from the local
horizontal system to the body axis system, for details see £.i.[26]). With this expressmn cand €
can be replaced n (1) by ¢ and v, these being the new controi variabies for the differential
system. For descent there is no thrust, and all terms containing T are not present. In this case the
control functions are angle of attack o and velocity bank angle p, both controls will be
discussed below.
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The aerodynamic forces are given in vehicle coordinates and are defined as
Xf=qch, Yf-—-qcyS, Zf=qczS

b4
functions of angle of attack «, side slip angle B, and Machnumber M. For simplification we
assume no wind. In this case =0 and f=¢ and o and P can be used as controls. Then

dc_ (M) acy (M)
00, (M)==cp (M), € =g asine. cz=—-a-§f— ocos ©)

with q-—.(p/Z)V2 the dynamic pressure and S the reference area. The coefficients cx,cy,c are

wiit Cpo 3 drag coeificient at zero angie of attack, o and @ as defined in Fig.1. The relation
between o, P, % and @ is

=0 COSQ, B=-afsin<p.

The coefficients for the ARIANE V with and without HERMES are taken from Figs.1 and 2 and
are approximated in the numerical examples by cubic splines or by linear functions. The
aerodynamic forces in the wind axis system are

X, ~cosoicospX —sinBY (—sinacosPZ,

Yw=cosotsin[}Xf%—cosﬁYf-—sinonsinBZP )

Zw=sinaX f+cosaZF

For descent optimization it is customary to use angle of attack & and velocity bank angle L. In
this case the aerodynamic forces are obtained by

XW =-D= —chD(a,M), M: Machnumber,
Yw = Lsiny = chL(oc,M)sinp, )
Z w Leosp = chL(a,M)cosp

where the lift— and drag coefficients as functions of Machnumber are given in tabular form and
are approximated for the numerical examples by polynomial functions.

Air density p(h) and speed of sound a(h) are approximated by differentiable functions using the

U.S. Standard Atmosphere between 0 and 80 km(see Ref.[14]). The gravitational acceleration is
given by

8(68)=(1 ) (143720, R )2 (1-3sin8)) ©

with RE(6378.155 km) as equatorial radius of the earth and J2 (0.0010826) as oblateness

parameter, [ c(3986()2 km3/52) is the gravitational constant of the earth. With these equations of

motion trajectories can be computed numerically once initial conditions are specified and
control time histories 6(t),y(t) in the case of ascent or a(t), pu(t) in the case of descent are given.




2,2 Masses and specific impulses for ascent

[31] contains a good description of typical ascent trajectories for ARIANE V into geostationary
transfer orbit(GTO), into highly eccentric 24h and 48h orbits, into so-called Molnija orbits, and
into escape orbits. To achieve these orbits the ARIANE V vehicle has three stages. The first
stage is the H155 together with the two boosters P230. The second stage is defined as the flight
with the H1535 after jettisoning of the boosters. The third stage is the L5 after burn out of the
H155 and stage separation. Thrust of a P230 booster is a function of time as depicted in Fig.3. It
is approximated as TP230 using linear interpolation. Thrust of the other engines is defined as

Th155" pH155PH155 TL5™LspL50Ls

with ISp as the specific impulse of the respective engines and b the mass flow. Table 1 contains
the numerical values.

TopH1559)  Liprs®|  Pyyysskess) bpz3o(kg’s)’ by 5(kg/s)
430 317 253 1933 | 675

Table 1: Spec. Impulses and fuel consumption for various engines of the ARIANE V
vehicle

For optimization it is sometimes useful to define "optimization stages”. In each of these
optimization stages the solution of the differential system (1) is continuous. Table 2 summarizes
the ascent sequence and defines the optimization stages for an ascent into GTO.

2P230+H155 | H155 | COAST L5 l
1 2 3 5 |
to=t1 t t3 iy te
SPLASH DOWN |
¢
t3 ts

Table 2: Stages in the optimization problem

Stage 1 is the first stage of the vehicle and the first stage of the optimization problem. At t, the
boosters are jettisoned, t is fized(119.177 s). 3 marks the burn—out of the H155 and is fixed
t00(600 s). Stage 2 is for tyStsty, Stage 3 is the third optimization stage and is a coasting arc
after separation of the H155 from the upper stage. Y is to be chosen optimally. Stage 4 is the
flight of the empty HI155 for t3St$t5. The empty HI55 is supposed to splash
down in either the Atlantic or the Pacific Ocean at ts. More about the splash—down constraint
below. Stage 5 is the ascent of the third rocket stage from ignition of the L5 at t 4 until burn—out
at te which is to be selected optimally.

The initial conditions are

V(0)=5 m/s, %(0)=90°, 1(0)=90.0°, A(0)=—52.82°(Kourou),8(0)=5.25°(Kourou),
r(0)=Rg;+5 m, m(0)=m,,

e A
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where my is the initial mass in the first optimization stage. Initial masses for the other four
stages are given in Table3.

m, (kg) m, (kg) | my (kg) | my, (kg)] mg(ke)
717348 150558 13085 14188 | 13085

Table 3: Initial stage masses

The upper stage of the vehicle has to reach the desired target orbit. In order to relate the state at
te t0 the orbital elements the state in the wind axis system is transformed into an inertial

coordinate system. The relations for velocity, path inclination, and azimuth are

V%:Vz(tf)ﬁ(tf)coEcosS(tf) [ZV(tf)cosy(tf)sinx(tf) +r(tf)(oEc058(tf)]
sinyI=V(t f) siny(tf)/V I )
cosy=V(tecosy(tpcosy(t)/(Vcosy)

where the subscript I designates variables in the inertial coordinate system. The scmi—~major axis
a is obtained from

a=r (tf)ue/ (2ue-f(tf)VI)- ®
Eccentricity e and true anomaly f are related to the state vector by

esinf(1 +ecosf)_1 =tan; ]

a(1-e)(1+ecos) " =r(ty) (10)
The orbital inclination i is computed from

cosi=cos§(tf)sinxl. )]
The argument of perigee  is obtained from

sin(o)+f)=sin8(tf)/sini, cos(c)+f)=cosozkc058(tf) (12)
where the right ascension with respect to the ascending node o is computed from

sinock=(sin8(tf)/cosﬁ(tf))/ | cosi/sini |

costt =sgn(cosyp)(1-sinZor) /2 (13)

Altogether, perigee and apogee altitude, inclination, and the argument of the perigee are
prescribed at injection. These are four conditions for the six state variables. Table 4 gives the
required orbital elements for injection into GTO, into a sun—synchronous orbit(SSO), and into a

28.5° transfer orbit for HERMES.




1
+

e

47

hp(km) ha(km) i(deg) w(deg)

GTO 300 36000 10 180
S$SO 800 800 98.6 -
HER 100 460 28.5 ?

Table 4: Target orbit parameters for three different missions
2,4 Constraints for the ascent with LS5(automatic missions)
For the optimal ascent into GTO without the splash—down condition the empty H155 will ily in
an elliptic orbit and it will be difficult to predict the splash down point. Therefore, the ascent
trajectory must be modified to ensure that the empty 1155 will return in the first orbit. This can
be achieved by requiring that the perigee altitude of the elliptic orbit be sufficiently low, see

£.i.[32]). An additional deorbit impulse might be necessary. In the same way as was dene for the
injection into GTO the state at burn—out of the first stage(at t3) is transformed into an inertial

coordinate system. The relations for velocity and path inclination are
V2 5=Vt 41(t 0pc0s8i(ty) [ZV(t3)c05'Y(t3)sinx(t3) + r(:3)u)Ec058(t3)]
Sinfp155= Y (9)sinY(t3)/ Viyy 55

where the subscript H155 designates variables of the empty H155 in the inertial coordinate
system. These variables are related to the semi—major axis apy, 55 by

3315571t Me/ Rt Vi 55)-

Eccentricity €H155 and true anomaly le 55 are related to the state vector by

. —1_

e1555 1011 550 +ep155008f155)  =tanYyyy 55
2 . -1

a1 550~2p155/1+ 241 5500801 55) =T(t3)

The splash—down constraint is imposed by requiring

h pH155=rpH155_RE=aH155(1'eH1 55)—RE= 50 km, for instance with hp as perigee
altitude.

Alternatively, the splash—down constraint could be imposed by requiring an additional boundary
condition on the state of the Sth optimization stage at t=ts, for instance.

Further constraints observed during the ascent are the dynamic pressure constraint

V) =2v2 g ypically q_ = 40kPa, (19)
and a constraint on heat flux after fairing jettisoning

b3
oV =LMv3cq ¢ ax (15)
h h o 4SS

with t,, indicating the time of fairing jettisoning. LSty St A typical vale for %, is
~x
max

50kw/m2.
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2.5 Constraints for ARIANE V with HE
The empty H155 is to splash down in the Atiantic. Mathematically this is handled in the same
way as the splash down constraint for missions intc GTO. In case the true anomaly f155 is

negative at t and the perigee altitude is sufficiently low the splash down will occur. It is not
clear yet whether a deorbit impulse might be necessary to ensure splash down into the Atlantic
well outside the African coastline.

In case of a malfunction of the HIS5S after jettisoning of the P230's a safe return of the
HERMES space plane restricts the altitude—velocity domain in which flight with the burning
H15S5 can occur, see Fig.4.

hkm]
125

110]= ~em = — - -

4.88 V[km/s]
Fig.4: Altitude—velocity constraint for ARIANE V/HERMES

issi ) i ia for
The HERMES space plane is to return from a circular orbit with an altitude of 460km and an

inclination of 28.5° to Kourou or to Istres(France). It has a mass of approximately 16000kg. The
reentry is initiated by a deorbit impulse which generates a new orbit with a sufficiently low
perigee. The amount, the direction, and the timing of the applied velocity increment determines
the initial conditions for reentry into the atmosphere. Although this portion of the descent can
easily be included in the optimization it is usually treated separately since for a given deorbit
impulse the trajectory from that point down to a certain altitude is basically fixed. Thus the
reentry phase really begins at a particular altitude, velocity and path inclination. Similar
considerations are applied to the last portion of the descent: The space plane becomes "airplane
like" at about M=2 and about 25km altitude. From this point on, the trajectory can be
determined by a quasisteady analysis. This point is defined as the beginning of the
TAEM(terminal area energy management) phase, which serves to guide the space plane towards
the runway with the proper velocity, altitude, path inclination and heading. There is not much to
be optimized in the TAEM phase. Therefore, the purpose of entry optimization is to find
trajectories from a given initial altitude, velocity, path inclination, and heading(as a result of the
deorbit burn) to the TAEM initiation conditions, satisfying all vehicle— and mission constraints
while extremizing a particular performance index. For this entry optimization the differential
equations (1) are used with controls angle of attack — or lift coefficient — and velocity bank
angle as given in (5). Lift— and drag coefficients as functions of angle of attack o and
Machnumber M are taken from [39].

2,7 Performance indices and boundary conditions for descent
One of the most important performance criteria for a lifting entry vehicle is the achievable
crossrange from a given initial state

I(o,p) = A(tf) = max. (16)

This performance index is used in [15],[16],[33] and many other studies. Alternatively, one can
ask for reentry trajectories minimizing the accumulated heat at a particular point of the vehicle,
usually taken to be the stagnation point, along the flight path

te

I = | QV.o0dt, £ Q= Qgp(hV.0) = Cp'2V3 (17)

to
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for the stagnation point where C is a constant for a particular geometrical shape. Of course, one
could also take other points on the vehicle such as points on the leading edge or at the lower
surface of the wing. At angles of attack greater zero it is difficult to define analytical

expressions for the heat flux Q since it depends not only on the three variables given in (17) but
in addition on the type of boundary layer, on the temperature of the wall and on other
parameters. (17) is used as performance index in a study for designing a minimum weight heat
shield for the US shuttle, see [34].
Another performance index used in [28] is to minimize accumulated heat per crossrange

tf

o) = | QauAGp. as)
t

(o)

The initial conditions for a landing in Istres are given in Table 5.

vkm/s)| x(®)] ¥(®) | A | (%) | h(km)
7.5 77 |-1.65]-259| free| 122

Table 5: Initial Condition for Reentry to Istres

As final conditions altitude, velocity, and path—inclination are prescribed as given in Table 6.

vikm/s)| x| v(® | AC®) | 8(°) | hikm)

free| free
0.76 ~25| =~ _5 43.5214.92 30

Table 6: Initial Conditions for TAEM inter face

2 ints fi

Most importantly, the temperature at the skin of the heat shield must remain below a maximum
value which depends on the material used and on the construction of the heatshield itself. This
temperature constraint can be met by limiting the heat flux at critical points on the vehicle
surface during the reentry. Usually, the stagnation point is used as the most critical point
although flight results from the US shuttle have shown, that other points, f.i. at the engine pods,
experience extremely high temperatures, too. Heat flux at the stagnation point is computed as
given in (17). Other path constraints are due to maximum permissible hinge moments of the
control surfaces — for HERMES less than 32kNm —, maximum permitted load factor

n=L/W<n ma x=2'5’ and maximum permitted dynamic pressure q<q m ax=10kPa. In addition, it is

required that ¥<0 throughout the reentry. This constraint arises from guidance considerations. All
of these constraints define the so called "entry corridor” which is shown in Fig.5 for the
HERMES space plane. All data are taken from [28]. Any reentry trajectory must lie within the
boundaries and a typical optimal reentry trajectory first encounters the temperature constraint,
then the hinge—moment constraint, and at the end the dynamic pressure constraint. The max.
load factor constraint usually does not become active.
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3 OPTIMAL CONTROL PROBLEM
The equations of motion for a multi—stage system can be written in the form

®) & = fxuply, RSty 3= Lemel
tO =1y, te=t, to: initial time, te! final time

with m—1 stages where # is continuous and continuously differentiable within each stage, pd is
a vector of design parameters of dimension nd, the state vector x has dimension n, the controi
vector dimension £ The objective is to determine u(t), the staging times tj’ and the design
parameters pd such that the functional

L= ¢ (xttg) x4, 2, 1)
is minimized. At each staging time, boundary conditions of the form
TSN 4, ) =0,i= Lty j € {1}
must be satisfied. Within each stage inequality constraints
g(x,pd,t) <0org (x,u,pd,t) <0, tj <t

have to be satisfied where g is either a vector or a scalar. In addition, at staging, jump
conditions (stage separation)

+ _ - - : —
xi(tj) = hk(xi(tj), tj), ie {l,..n}, je {2,..m-1}, k= Loty

might be imposed. The complete vector of parameters to be adjusted in the optimization is

p=(t1,...,t o’ pdT)T. Constraints are dynamic pressure constraint, integrated heat flux, splash

down constraints. Jump conditions are the jumps at booster jettisoning, and at stage separation,
at payload fairing jettisoning.

2 Transf ion in ntin
By introducing a new independent variable in each stage
j =
=——- , j=1,.m-l
new ~ t i+l tj

the differential equations are rewritten as

ad i -
T () (x ,1r],tnew,tj+l,tj) , j=1,...m-1
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Next, a new notation is introduced:

X - (XIT (m-1 )T)T

new pesX . , dim Xnew = Pnew = n(m=1) ,
AT (m=DT\T . _ _
Upew = (8 ot Yadimu o o=£ = Gm-1),
1

(t,—tf

£ = . dim f =dim x

new -1 new W
U tme1 e

= a ither :
Zrew g(x new’ P, Znew either a scalar or a vector.

The jump conditions become

d @ =h D), Py G 2eom=1) , de (L), K= Loy
In addition, continuity conditions

10y = h. o1

x(0) = by (7 (1)

most hold for all components of i and j that are not present in the jump conditions. The hk’ k=
nh+1,...,n(m—-2) are designating identities. There are altogether n{m-2) — ny conditions. Jump
and continuity conditions can be added as boundary conditions to the y—vector obtaining

v ~
v
b .
x1@ -0, 37, p
Ynew = >.<J;(0) ~h 7, p , dimy o= 0o =n+ n(m-2)

x1 (0 ~hy 41 (<1, p)

xd(0) - h,',h_F(m_z)mJ;‘(l), )

\

In this way the piecewise continuous OCP may been transformed into a continuous one.
Omitting the subscript new in the variables above one obtains

(P2)  min I(u,p) = ¢ (x(0), x(1), p)
subject to

x = fxupt) , gxupt) 0, 0st<1
Wy (x(0), x(1), p) =0,

dim(u)=l, dim(p)=np, dim(x)=n, dim(g)=1 or ng, dim(\y)=nb.
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3.3 Parameterized optimal control(PROMIS)
3.3.1 Parameter Vector and Constraints
The problem under consideration is

1
®3)  min Ip%) = ¢ (x(1), ph+ j L), u@), plo) dt
0

subject to the same constraints as in (P2). The basic idea is to reduce the infinite dimensional
problem to a finite dimensional one. Here, a version of an algorithm is described that uses
multiple shooting in connection with parameterization of the control. To this end several grids
are introduced:

a multiple shooting grid

l I l | l l

0= L) Y el "1 =1
where at the gridpoint Tj""’Tm—l the state vector is estimated to be x(‘cj) = Xj’
a control grid attached to each mesh of the multiple shooting grid
| |
Tj Ij~1-1
i l | l
_ .u u u u u. o
5= 0N ) Y iel Tm}‘ =T+
where m}’ is the number of gridpoints in the control grid,
a constraint grid attached to each mesh of the multiple shooting grid
| |
tj 1:j+]
. r "
— c —
5= 00 Y il Tmf].: =Tis1

where mj? is the dimension of the constraint grid in the j—th multiple shooting grid.

The control vector u in (P3) is approximated over the control grid by piecewise constant, linear,
or cubic spline functions. For a linear approximation one obtains in each subinterval of the

LU u
centrol grid T, <t STi4
Yigeny” Yji, u
u(h) = Uy + =S 7)) (19)
To =~ T.
i+l i

where Uji’ Uj(i +1) are estimates of the control vector at the control gridpoints, dim U-i = |
where i indicates the control grid index in the j~th multiple shooting subinterval . Altogether,
the control vector in each multiple shooting mesh consists of
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T T

u T T . U u .
. = . s Ayyeney y ¢ = 9 =l’---) =1 2
Pj = Wjp Ujpr-Ujptd", cimpy = &y, j=l,...m-1 0

jm;
For numerical reason, the design parameter pd is copied (m~1) times and is designated as p? in

each multiple shooting mesh. The total parameter vector thus consists of

T T
SN CHE LI L) @1)

with

= O\'f$ p‘liT’ ‘;T)

TdT uT\T
(X 2,2)

—(X dT uT)

Pm-1 m—-1’ Pm— 1 Pm~ -1

The boundary conditions are assumed to be separable, that is
d
\Ifl (le Pl) =0, Wm (Pm_l) =0
dimy, +dimy, =n,. (22)
The following continuity conditions must be satisfied at the multiple shooting gridpoints:
in the first subinterval

d u o od d _
X)(tp Xy PP =Xy =00 pr=py =0 Uyt =Up; =0

in the j—th subinterval

_0, 4o
X(TGppr X5 PJP) Xig1=0 Py =Py =0 U =Ug,gyp =
j=2,..,m=2,

The state inequality constraints are to be satisfied at the gridpoints of the constraint grid as
"point constraints”. At the j—th multiple shooting grid one defines the constraint vector

g = 8057 Upp

gjk = g(x(Tk’X P? Pu)» ll(TK, p ))
k= 2,...,mj,J =1,..,m-1, (23)

3.3.2 Parameter Optimization Problem
Introducing the above definitions into (P3) gives the nonlinear programining problem

Xyl

e d m=i g+ d u
(P4)  minimize F(p) = 6(X ,_1, Py _p) + j>=31 L(tx(tXop;o py) dt

Ry
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subject to the constraints

kj = f(tyxj(t’pj)), j = 1,-..,m—1
yim=0, v, (P=0
xj(tj'*‘l, PJ) - X,]+1 = O, J= 1,...,m—2
gj(pj) 20 , j=1.,m~]

For the special case m = 2 (P4) becomes a parameterized OCP with single shooting as presented
in [22],[23], and [25]). In this case the continuity conditions are not present. The NLP—solver
needs gradients of F ,y, and g with respect to the parameters. Table 7 contains the gradient of
the equality constraints for the special case m = 3, Table 8 contains the gradient of the

inequality constraints w.r.t. the parameter vector.

Loy, oy,
T
; E)xl('cz) axl(’cz) axl r o
- 98y g ap!
. 0 I ) 0 -1 0
‘ 0 I 0 0 -1
( 0 N W Gl
| X d u
x 2 ap2 8p2
Table 7: Jacobian of equality constraints for PROMIS of
d, u d, u d, u _ u,u_u
(nbl+n+np+np 1 +nb2)x(n+np+np 1 +n+np+np2), 0y =N np i +np2—np
dgy dg; 0g ]
1 1 ~=1 0
agm—l agm—1 agm—l
0 0 I% i m
m=1 0py,_; Py
Table 8: Jacobian of inequality constraints for PROMIS with

(2*ng)x(n+ng+n;1+n+ng+n;2)
3.3.3. Algorithm
i) Find the numerical solution of the initial value problems
..=ft,.t,. , T.St<1T.
xJ ( xj() pJ.) 'cj t ’CJ+1
xi(ti) = Xi , J=ha,m~1
" d ou

Let 't;X'y 2D 21 i i i ¢ HIAH -
e xj( f pj pj)bcthe solution in the interval ('t:J 1:J+1)

A

dimension

dimension
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if) Compute the constraints at T U and compute the jumps at Tj’ j = 2,..,m—1, compute

the inequality constraints vectors g. along the constraint grid t‘.:.

iii)  Compute the gradients of thc cost function and the constraints by numerical
approximation, that is by solving initial value problems as in i) with perturbed
parameters.

iv) Use an NLP—solver such as SLSQP to compute a new estimate of the parameter p.

V) Repeat steps i) — iii) in each iteration of the NLP—solver until the convergence criteria
are satisfied.

4 Dir i h
Currently, optimal control problems(OCP) of the type (P2) can be solved with TROPIC. In
direct collocation the OCP is reduced to an nonlinear programming problem(NLP) by
approximating the state x(t) and the control u(t) by piecewise polynomials. To this end the
interval [0,1] is partitioned into m—1 subintervals 0=11<12<...<r m:l, and in each subinterval

the control u(t) is approximated by a linear (19) or piecewise constant function and each
component of the state x(t) is approximated by a cubic Hermite polynomial

qi(t)=ai+bi(t—fci)+ci(t—fti)2+ l(t—mi)3, TiStS’Ci +1

dim q;=n 24)
with

q(T)=x(T), q3(7;, 1)=x(T, ), G4(T)=X(T), G;(%;, )=xX(T; )

i=1,2,...,m-1 (25)

and the time derivatives of the state evaluated at T by

)‘(('ti)=f(x('ti),u(‘ci),p,Ii).

From (24) and (25) one obtains the polynomial ccefficients by solving the linear system of
equations

100 0 i
010 0 |o_lx
2 3|G=
U by by b Xir1
0 1 2h 3h% Xis1

where hi=1:i 1% Ci=(ai’bi’ci’di)T’ Xi, Xi +1 TC the estimates for the state, "(i,).(i 4+ e obtained
from evaluating the differential equations with X, X1 The subscripts i designate variables
associated with the i—th node time T. Inverting the above 4 by 4 matrix yields the coefficients
i 0 0 0 X,
c.=| 0 1 0 0 X,

i 2 !

1
2 3 VAREY
| 2m;  ymy 2w 1af ] |Fis]

™

D v
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The resuiting piecewise polynomials are C1 throughout [0,1] and satisfy the differential
equations at all nodes T As collocation checkpoints the center of the intervals are used, that is

at t(i:=(’t-

i +1—¢i)/2 the polynomials (24) are evaluated

h,
c_ .G 1 i: -
xj = x(v)= o XXX, D) 26)
and the derivatives of the polynomials are evaluated
C_ 2 C 3 _Le .
X = X09)= 35, X Kip) — 705 @n

As a measure how well the polynomial satisfies the differential equations the collocation error
in each subinterval is defined as

K; = 8, U; X, Uiy 9) = %] = S0, 1p). (28),

where Ui’Ui +1 € the estimates for u(1:i),u(*ci +1). Assuming that the cubic polynomial can drive
the collocation error to zero by systematically varying the values for Xi and Ui an

approximation to the solution of P2 can be obtained. The constraints are enforced pointwise, that
is at each collocation grid ] constraints of the form g(xi’Ui’Xi +1’Ui “)SO are added.

The NLP resulting from the direct collocation transformation can be stated as follows. Define
the parameter vector P as

P=(XT,U’{,X’£,U’£,---’X;fl,U;.lr.lyp)Tv
coliect all collocation— and boundary constraints,
K,X 1 Uy X2,U2 ' P)
Kz(XZ’UZ > X3,U3 P)

P = ; =0 (29)
Km—l(Xm-l ’ Um—l ’ Xm’Um’p )
¥ (XX, p)
and all path constraints
C® = (530, 1 Uy )] <0 (30)

In this way the OCP can be transformed into an NLP
(F5) min F(P) w.r.t. P subject 1o CC(P) = and Ci(i’) <6

where the number of parameters is n_=m(n+1)-+dim(p). The performance of the method of direct
collocation depends crucially on the performance of the NLP code used for solving P5.
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Several codes have been checked in [35],[36] for realistic trajectory problems and SLSQP [37]
as well as NPSOL from the Stanford Optimization Laboratory show consistently better
performance than others.

3.4.1 Implementation Considerations

Experience in developing the software has shown that two items strongly influence the numeric
behaviour of the method. The first is concerned with scaling. It is expected in TROPIC that the
user gives to the program a realistic range of critical parameters of his problem. TROPIC then
scales all variables to [—1,+1]. The second item is concerned with noding. The location as well
as the number of nodes are crucial in satisfying a given collocaticn error tolerance. A static
stepsize control algorithm is added which determines the best location of nodes for given initial
estimates(only once at the beginning). A dynamic noding, that is a node position change has
been added recently, both features that previous versions, f.i.[30], of the collocation algorithm
do not have.

The NLP solver needs values of the cost function and the constraints as well their gradients. In
TROPIC an approximation to the Jacobian is computed numerically by using either forward or
central differencing. This Jacobian has a special structure

Gll G12 0 0 Gl,t
0 Gy Bpp, 0 v 0 G2
g§= 0 ... Gjl_C.}j?_: o | 0 G;
0 0 .. oo 0 Gpyy Gy o Gny,
Gt G ... ... .. G, G &
_Gi Gy «v .eo ... G G, G:_
with
Gi= %%’Gﬂ: ?TEL—;%_’GJ'P: ilafm
9%; 3U; j+1 9V P
j=1,...m—1. Gh

Th=z last two blocks ~12 the ser prescribed equality— and inequality boundary and path
constraints. Although the matrin is sparse, the sparsity depends very much on the particular
problem, and thersfore no structure assumptions are made. The expressions in (31) are obtained
by evaluating the right hand sides, assuming linear interpolation for the control as given in (19)

. fX. , U..p,1. € uCpa%) ax$
ﬁ:%l_%a(xl Uj,p’cj)_af(xj,zj,pfj)?j_l,
BXj j BXJ. ij an
ox$ h, (X, ,U.p,T.)
with —d = 11 I 0
oX. X .
j j
., . U.pt) S €S 2uC 2u®
?ﬁ-_—‘—%af(xj IJPTJ, _ R J: Jrr! J, __.L’ with_.’.:%]_
oU. ou. u U oU

[ SR T 1
T D KA I

1.11#‘3,»&.
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In the same way one obtains

C [
af(X +1 1) J+11p, ]+1) af(x sp!tj) axj

Xy O 2 X,y X X,
thhiﬁ——=%l ;‘af(xﬂ’ j+1PY +1)

X4 X4
OK; M,y Uj g,y Of(x ,upts) 9 wimauﬁ 1
U,y - U,y auj Wi, Wy

Therefore, only the partials of f(x,u,p,t) with respect to x,u,p need to be computed numerically
to determine the Gjl‘ sz for j=1,...,m—1.

4. NUMERICAL RESULTS
Fig. 6 shows numerical results obtained with TROPIC for an ascent of the ARIANE V into a
geostationary transfer orbit with elements as given in Table 4. The staging times t and ty are

fixed, there is no coasting arc, the only design parameter to be optimized is te The objective

function is the payload. The discontinuous OCP is transformed into a continuous one as
described in section 3.2. In the normalized interval 8 collocation points are chosen which results
in8 (G +6+7+2+242)+3 =203 parameters to be optimized in (PS). Initial estimates are
selected by integrating the differential equations (1) forward from given initial conditions
assuming a gravity turn (0=0,$=0) for all launcher stages. The initial conditions for the second
and third stage are selected by trial and error, such that a "crash" of the vehicle will not occur.
From this estimate TROPIC needs about 3 iterations to produce a first optimal trajectory using
SLSQP from {37} as the NLP solver. To obtain this first trajectory 3 function evaluations and 3
evaluations of the Tacobians of the constraints are needed. However, as is usually the case in
optimization, the first solutions lacks accuracy and/or smoothness requirements, and therefore
additional solutions have to be generated. The solution shown is obtained after 2 continuations
steps. TROPIC needs about 47 CPU seconds per iteration on a APOLLO DN 10000 computer.

Achievable relative accuracy in constraint satisfaction is about 10_4

Fig.7 shows an ascent of an ARIANE V/LS5 vehicle into a sun—synchroneous orbit with target
elements as given in Table 4, Fig.8 shows an ascent trajectory of ARIANE V with HERMES
into a target orbit as specified in Table 4. Neither the splash-down nor the
altitude—Machnumber safety constraints are imposed yet. The unconstrained solution violates
the safety constraint considerably for M 2 4.8(137 instead of 125km), slightly for M < 4.8(112
instead of 110km).

Fig. 9 shows a solution of a HERMES descent from a 28.5° orbit to ISTRES minimizing the
performance index (17) with initial and final conditions as given in Tables 6 and 7. This
solution is obtained with PROMIS using a multiple shooting grid with m = 7 taking 0.1, 0.2,

0.4, 0.6, 0.8, 1.0 as gridpoints in the normalized interval. For the control grids mlll = 2 spaced at
0, 0.08, m) =2 spaced at 0.1, 0.15, m‘:,j = 3 spaced at 0.2, 0.3, 0.32, m}, = 4 spaced at 0.4, 0.45,

0.5, 0.55, m‘s‘ = 3 spaced at 0.6, 0.68, 0.74, m‘6‘ = 4 spaced at 0.8, 0.86, 0.94, 1.0. Altogether

there are 6*%6 + 18%2 + 1 = 73 parameters for (P4). Initial estimates for the states and the
controls arc obtained using forward integration of the differential equations (1) with initial
conditions in each  shooting interval from trial and error. A first
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solution is obtained after 40 iterations, continuation steps need about 10 iterations each, CPU
time on a APOLLO DNI10000 is 10s per iteration. Achievable accuracy is higher than with
Tropic since the integration accuracy can easily be controlled. In the solution presented
constraints on dynamic pressure and hinge moments are not considered yet.

5. CONCLUSIONS

Some recent development in trajectory optimization of aerospace vehicles have been discussed
in light of ascent and descent optimization of a conventional launcher and a future European
spaceplane. Two new software packages under development generate solutions for the test
problems with reasorable accuracies and relatively little CPU time. Both methods share tiic
advantages of not relying on adjoint differential equations for gradient generation. This feature
makes the methods flexible as far as changes in problem formulation are concerned. In addition,
both methods have similar data structures and are being provided with an advanced user
interface that will allow graphical input and graphical output assisting the user in changing
initial estimates, in looking at intermediate results, in analyzing the results, and in displaying the
results, Both methods share the disadvantage of not producing a feasible solution until
convergence of the NLP solver has been obtained. PROMIS can be uscd as a single shooting
technique if needed. Both methods need efficient NLP solvers such as SLSQP or NPSOL, other
solvers have been tested and shown to be inferior in performance, especially in connection with
trajectory optimization methods where accuracies in function and constraint values and their
partial derivatives are low. Presently, there is a limit on the maximum number of parameters of
about 400—500 these NLP codes can handle and still work efficiently. It is desirable to be able
to increase this number by exploiting the structure of the Jacobians in TROPIC and PROMIS.
Both methods are robust with respect to modeling weaknesses such as linear interpolation of
multidimensional tables. The penalty for not using smooth data is an increase in CPU time by a
factor of 2. At present there are no accurate mathematical models available for the launcher
ARIANE V with or without HERMES, all results presented are with data collected from various
sources. The same situation exists for the HERMES spaceplane. Therefore, the results presented
should not be considered as trajectory design suggestions but rather as demonstrations of the
capabilities of the new trajectory optimization software under development at DLR. Ascent
trajectory optimization of future launch vehicles with airbreathing engines is of particular
importance since engine performance and angle of attack time history are coupled, and engine
design and operation depends on the selected trajectory. Here, the new methods offer an
attractive tool for the analysis of these systems.
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SUKMARY
A concept for a near-term multi-stage space launch system has been proposed. The
configuration incorporated full reusability, horizontal take-off and landing
characteristics, and a payload goal of 50,000 1bs into a 100 n.mi. circular polar
orbit. The first stage (booster) employed a multi-cycle high Mach number airbreathing
propuision system, augmented by conventional rocket propulsion as required. The
second stage (orbuterg featured a high 1ift-to-drag ratio aerodynamic design with a
dedicated high volume payload bay. Propulision for the second stage was provided by a
conventional rocket engine. The orbiter component was carried nestied within the
booster mold lines and staged through a bottom drop mode. Sensitivity studies were
performed on the synergisms between elements of the boost propulsion System; dynamic
pressure effects on system performance; degraded ramjet thrust at high Mach numbers;
and booster wefght at staging. The configuration evolution and results from the
sensitivity studies are described in detail.

Studies conducted over the past several decadas have clearly established that highly
efficient, aerodynamically tairlored vehicles boosted to orbital velocities and
altitudes can perform a number of useful and unique missions, including synergetic
plane changes and minor circle turns (Ref 1). In addition, high hyperscnic
lift-to-drag ratios (L/D) allow considerable flexibility in exercising re-entry
options and abort modes, and n landing site sele~tion. Although attractive from many
perspectives, this class of vehicle has found lit.le favor within the space
transportation community. This is due in part to the resulting slender configurations
which are not compatible with the large payload bay volumes required for efficient
commercial/logistics applications. For maximum flexibility, however, it appears
prudent to re-evaluvate the potential of the high L/D orbiter in concert with the
resurging i1nterest in the application of airbreathing propuision 1n the boost stage.

This paper addresses the concept formulation and performance sensitivities of a
two-stage space launch system with a highly efficient orbiter design. The first stage
(booster) incorporated a high speed airbreathing propulsicn system, while the second
{orbiter) stage relied on conventional rocket propulsion. Ffull consideration was
given at the onset to the inclusion of a dedicated, high volume payload bay in the
orbiter component.

The study was initiated by the Wright Research and Development Center's (WRDC) Flight
Dynamics Laboratory (FDL), and has been ongoing since 1986. Originally involving only
a small study team within the FDL, the program was expanded in 1987 to include
contractural support from the Boeing Aerospace Company (Fig 1). The porogram to date
has incorporated both analytical and experimental phases.

Underlying precepts were that the concept: (1) be a near~term staged system; (2)
represent doable technology levels; (3) use existing systems (particularly propulsion)
wherever possible; and (4) offer significant performance improvements over current
operational types. Specific study requirements (Fig 2) included full reuseability of
all stages, all azimeth launch capability, horizontal take-off for the mated system
with horizontal landing capability for all comporents, and a performance capability to
place a 50,000 1b payload snto a 100 n.my circular polar orbit. To facilitate ground
handling and logistics operations, the orbiter was to be mated to the booster lower
surface and staged through 2 bottom drop mode.

CONFIGURATION DEVELOPMENT

BOOST _PROPULSION CYCLE

A key element in the design synthesis process was to identify a realistic boost
propulsion cycle compatible with the horizontal take-off requirement for the mated
two-stage configuration, while meeting the study guidelines of using existing or
near-term propulsion components wherever possible. For purposes of discussion in this
paper, the boost propulsion cycle is defined as the propulsion mode employed during
the acceleration phase from take-off to orbiter staging, The original cycle proposed
used the orbiter rocket engine tor take-off and accelerstiiun to the booster
airbreather takeover speed (Ms2 to 3). The orbiter rochket engine was then shut down,
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with the booster accelerating the combined system to the staging point (Fig 3). This
approach had the advantage of maximizing the use of the onboard propulsion components
while minimizing their size, weight and overall complexity. One salient feature was,
however, that tiie orbiter be mated to the booster inu s ch a manner that its propulsion
system was free to cperate in the combined mode. Dur .g the period when the orbiter
rocket engine was in operation, fuel would be cross-fed from tanks in the booster to
ensure orbiter staging with a full fuel load.

Early wn the study, JP fueled turbofans were added to the booster _.mponent to provide
a measure of ferry capability and facilitate orbiter retrieval from remote landing
sites. Logically, these turbofans could alsc assist the orbiter rocket engine during
take-off and low Mach number acceleratyon. The boost propulsion cycle was upgraded to
include this capabilaty.

Ut“imately, the synergisms between the boost propulsion components would become a
major player in overall system performance, as will be discussed 1n more detail later
1 this paper.

STAGING_MACH_HUMBER SELECTION CRITERIA

The orbiter staging Mach number was selected based on several interrelated critema,
which 1ncluded the theoretical velocity potential ( AV) capablie of being built wato
the orbiter, the requirement for realistic near-term airbreatning and rocket
propulsiorn systems for the booster and orbiter components, respectively, and the
thrust/weight ratio of the orbiter at staging.

The near-term rocket propulsron requirement virtually dictated that the orbiter be
powered by an existing (or derivative) Space Shuttle Main Engine (SSME). Since it
would be required to operate efficiently from sea level to orbital insertion, a dua)
bell nozzle derivative was selected. This unit offered sea level and vacuum Specific
Impulses (ISP's) of 393 and 464 seconds, respectively, with a vacuum thrust rating of
516,000 1bs. To provide preliminary orbiter sizing and performance characteristics, a
wing-body configuration (Fig 4) from a previous WRDC study was selected as a starting
point. With known mass and volume characteristics, the configuration was scaled using
established procedures to yield the curve of theoretical AV vs gross stage weight
shown in Figure 5. Marked on the curve for reference are the orbiter velocity inputs
required to reach a 100 n. mi. polar orbit for several launch Mach numbers. Clearly
the orbiter weight increases disproportionately fast as the staging Mach number drops

below M=6 to 8, suggesting that this Mach range should represent the minwmum staging
speed.

Figure 6 shows the typical operating envelopes for several candidate airbreathing
engines for application to the booster stage. The near-term propul,ion constraint
precluded consideration of the supersonic combustion ramjet (SCRAHJET), as this
represented an "as-yet-to-be-proven” technology level. Turbojet propulsion was, on
the other hand, limited to maximum Mach numbers in the 3 to 4 range, which would have
resulted in orbiter weights on the order of one million lbs (Fig 5). The subsonic
combustion ramyet appeared to be the only remaining near-term option. Consultations
with propulsion specialists indicated that, fueled with liguid hydrogen (LH,), the
subsonic combustion ramjet could operate with high levels of efficiency and“confidence
up to M=6, and 1pn all probability could be extended out to M=8.

One final point to be considered was the thrust/weight (1/K) ratio of the orbiter at
staging. For the M=8 case, preliminary assessments indicated an orbiter staging
werght on the order of 550,000 1bs. This yields a T/W ratio (with & single SSME)
sufficiently high that it does not degrade orbiter performance significantly. A M=6
launch would be too heavy for a single SSME, resulting in a more ccmplicatea orbiter
propulsion system. (More discussion on the impact of orbiter T/K rdatio at staging
appears later 1n this paper),

Basea on consideration of the above criteria, the final orbiter staging Mach number
was fixed at M=8. Staging altitude varied throughout the study, ucually between
approximately 85,000 ft to 100,000 ft. In the final phases, however, 1t was fixed at
100,000 ft. Thas altitude allowed the orbiter to separate, rotate to an angle of
aitack near L/D max, and stabilize in a one "g" flight condition prior to committing
1o the orbital ascent phase.

OKBITER SELECTION

The wing-tody orbiter was replaced early in the design cycle by the lifting-body
configuration shown 1n Figure 7, and remained essentially fixed throughout the rest of
the study. This configuration hed a high degree of aerodynamic efficiency (Fig 8)
with 1ift/drag ratios of nearly 3.5 at M=10, H=1C0,000 ft, and M=20, H=200,000 ft.

The results shown here were calculated usina the Sunersonic Hyperconic Arbiteary Rody
program, and were based on fully turbulent flow assumptions at M=10, and fully laminar
at M=20 (Ref 2). The 1:1fting body design allowed room for considerably more internal
fuel ana featured & dedicated payload bay measuring 15 ft x 40 ft., the latter sized
specifically to carry the two-stage Inertial Upper Stage (IUS) plus payload. The
payload bay, with 1n excess of 7000 cubic ft of velume, could 2lso accommodate
additional fuel which could be used for syneryetic plane changes, orbital maneuvers,
etc. The dual bell SSME derivative used un the wing-body orbiter was retained. The
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estimated weight of the orbiter at staging was 555,000 1bs, which included the
50,000 1b payload and approximately 418,000 1bs of fuel (Fig 9).

Further design iterations resulted in modifications to the upper body contours and
payloaa bay door arrangement (Fig 10). A more indepth structural assessment resulted
in a fully fueled staging weight of just over 603,000 1bs with the 50,000 b payload
{(Fig 11}). The heavier configuration fell short of meeting the reference payload
mission from the M=8 staging point, but was maintained 2s the baseline configuration
as 1t represented the practical upper limit of the orbiter size compatible with a
single SSME propulsion system. Final capabilities included approximately 42,060 1ibs
to a 100 n. mi. polar orbit, and 64,000 1bs to a 100 n. mi., 28.5° Eastern orbit.
Typical orbiter ascent trajectory parameters, as functions of time from staging, are
presented in Figure 12 for insertion into a 100 n. mi. polar orbit. Trajectory
parameters shcwn were calculated using the optimization procedures described in Ref 3
(More information on this subject will be presented later in this paper).

As mentioned earltier, the payload capability to orbit is sensitive to the orbiter T/W
ratio at staging. Figure 13 presents the results from a study conducted on the final
Iifting-body orbiter design, showing the impact of T/W ratio on payload capability to
a 160 n.mi. polar orbit. If the orbiter SSME thrust could be increased by an
additronal 25-30%, the reference 50,000 1b peyload capability could be met.

EQOSIER_EVOLUTION

The booster design synthesis foliowed a more protracted development phase. Of
particular concern was the cevelopment and integration of the airbreathing propulsion
system in concert with the bottom drop staging mode. The orbiter integration was
further complicated by the requirement that its primary propulsion system be free for
operation at various times during the boost acceleration phase. Several concepts were
suggested for the orbiter integration, ranging from external to full internal
carriage, as discussed in the following paragraphs. The booster designs studied are
1dentifred according to series, Series 4 representing the definitive design produced
to date (Fig 14). A pictorial of the booster development 15 presented in Figure 15.

Series 1 - This was an early concept formulation phase to investigate possible mating
arrangements compatible with the bottom drop staging mode. Two generalized classes of
vehicles were looked at: a twin-pod arrangement with external orbiter carriage (Fig
16), and a slender single body with the orbiter partially submerged within the body
(Fig 17). The former featured two conical bodies connected by a central wing
structure. Ramjet inlets were mounted on the lee side to minimize interference and
facilitate landing gear integration. Although simple and attractive from structural
and mating considerations, a number of drawbacks were noted, including analysis of the
multi-body flow fireld interference problem, engine out asymmetries, and large wetted
area for the required volume. For the latter concept several engine integration
schemes were considered, ranging from the central lee side shown in Figure 17 to
various 2-D and 3-D wing installations. The wing 1nstallations were compromised by
bow shock ingestion at some points during the boost phase, plus the potential problem
of engine out asynmetries, and were subsequently discarded. The submerged orbiter
carriage did eliminate most of the multi-body flow field probiems, particularly for
the lee side engine installation, and hence was viewed as the most promising con.ept
with which to proceed. There were, however, a number of points to upgrade.
Propulsion specialists preferred a more uniform inlet flow field with some degree of
pre-compression, and the new 11fting-body orbiter posed —zie complicated integration
problems than di1d the wing-body design. This configuration concept thus became the
sub)ect for a new design to be developed 1n Scries 2.

Series 2 - Developed to be compatibic with the 11fting-body orbiter, this design
featurea full ainternal carriace of the orbiter component. The booster retained the
central lee side installatien for the hypersonic airbreathing system, and incorporated
turbofans to act a$ accelerators and provide booster ferry capability. The basic
booster body was an 8° half angle, half cone/cylinder with a flat bottom (Fig 18).

The eccelerators were conventional 30,000 1b thrust class turbofans, mounted in two
separate nacelles (4/nacelle) on the wing lower surface just outside the body mold
tines. A number of wing planform parametric studies were completed. The design shown
in figure 18 represented a compromise between take-off and hypersonic flight
performance., The complete integrated configuration {sans vertical fins) 15 presented
in Figure 19. (Longitudinal control surfaces shown here were for sizing purposes only
and do not reflect realistic installations). Specific booster details are presented
n Figure 20.

Complete aerodynamic and propulsion data sets were prepared and performance analyses
run. However, the large base area and poor transonic area distribution precluded
closure with the available propulsion system. A number of options were suggested, but
ultimately a second SSME was added, this one to the booster component. The boost
propulsion cyele now vncluded tho gueriticon oF boull 3SHE™s and turpofans rrom take-ott
through M=2 (Fig 21). Above M=2 and to the staging point, total mpulse was provided
by the booster ramjet system. With both SSME's operating at 115% power {(above ref.
max for the SSME) and the 8 turbofans, sufficient thrust _was available to achieve
system closure for a take-off weight of just over 2.0x106 1bs. A flight time history
showing altitude, velocity and thrust for a typical ascent trajectory 1s presented in
Figure 22.
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Although system closure had been demonstrated, considerable concern had arisen over a
number of specific propulsion related integration details. These included off-design
performance, the design of a practical variable geometry inlet system, and the ability
to integrate the ramjet/turbofan cycles into a common unit. Since there were Jimited
options available to rectify these potential problem areas, work on the Series 2
concept was terminated.

Series 3 - This was the first iteration for a new booster concept with a more credible
hypersonic airbreathing propulsion system. A general arrangement drawing showing the
preliminary layout is presented in Figure 23. The wing was similar to that developed
for the Series 2 concept with an overall span of 180 ft. The fuselage featured
rectangular cross sections and was designed to incorporate a large internal volume.
The wing was mounted high at the rear of the fuselage with the ramjet engines
integrated beneath the wing, attached to the fuselage sides. Overal) fuselage length
and width were 260 ft and 60 ft, respectively. The orbiter was carried fully internal
with its rocket propulsion system extending beyond the base. The booster SSME
installation introduced on Series 2 was retained.

Specific details on the airbreathing engine design are shown in Figure 24. The units
are 2-dimensional ramjets with the inlets arranged in a horizontal fashion to provide
positive compression with angle-of-atiack. A three-ramp variable geometry inlet
system maintained shock-on-11p conditions through M=6. The turbofan accelerators are
integrated within the ramyet structure, and exhaust into the nozzle area to reduce

nozzle base drag when the ramjets are not in use. Operational range for the ramjets
was from M=3 to M=8.

The propulsion concept shown, though never fully completed by the FDL, was
sufficiently promising to warrant further development work. The booster concept was,
however, overly large with high drag levels. Considerable re-design would be required
to minimize the booster size and weight, and fully qualify the new ramjet propulsion
system. The re-designed configuration resulted in Series 4

Series 4 -~ The final concept studied to date, this series was essentially & refinement
of the Series 3 configuration and propulsion system. To improve the transomic drag
levels, the fuselage cross-sectional area was reduced and the area distribution
modified by moving the engine nacelles forward. The SSME on the booster was retained,
as were the 2-D ramjets with integrated turbofan accelerators. The boost propulsion
cycle included operation of both SSME's and turbofans through M=3 (Fig 25), with the
ramjet operating alone from M=3 to 8. Figure 26 presents the general arrangement
layout for the Series 4 concept as developed by the FDL. The booster had an overall
?ogy length of 240 ft, a wing span of 180 ft, and a theoretical wing are? of 14,100
te.

The concept was then subjected to a joint evaluvation by the FDL and Boeing Aerospace
Company to provide a more definitive analysis. The most challenging aspect was to
fully qualify the booster airbreathing propulsion system, which had only been
conceptually studied by the FDL. Additional configuration details in areas such as
fuel disposition, control surface integration, landing gear designs, etc. were

required, which could most easily be met by the expertise of a major airframe
designer.,

Figure 27 presents a sketch of the upgraded ayrbreathing propulsion system. The unit
15 a completely enclosed system with variaple geometry inlet ramps and nozzles. Cold
flow is maintained through the ramjet prior to ignition, which occurs at approximately
M=1. Thrust developed at ignition 1s low, but this procedure is effective in reducing
nozzle drag before full thrust 1s realyzed (1.e. M=3). The turbofans operate up to
approximately V=3, after which they are shut down.

A drawing of the booster design showing the integration of the fully enclosed ramjet
propulsion system 15 presented in Figure 28. The fuselage area distribution and cross
section shape have been further refined to reduce drag. The contractor also
established that the current operational envelope of the SSME does not include shut
down/restart capability over the short period of time during boost cycle operation.
Hence it was necessary to operate the orbiter SSME continuously from take-off to
orbital insertion. Subject to this, the boost propulsion cycle (here-after referred
to as the reference cyclie) becomes as shown in Figure 29. The booster SSME operates
at full thrust to M=3, then is shut down. The orbiter SSME cuperates at ful) thrust to
M=3, then 15 throttled back to 65% (current minimum setting) for the remainder of the
boost acceleration phase (after staging, the orbiter SSME returns to the maximum power
setting). The turbofans operate up to M=3 and the ramjets from M=1 to M=8.

The finul design weight statement 15 presented in Figure 30. The 2.11x10% 1bs
includes a fuel allotment of approximately 1.05x106 1bs for operation during the boost
phase. The fuel allotment specified was for design purposes only, and was useg
primarily for fuel tank siziag, structural loads assessment, Tanding gear design, etc.
It does not reflect the actual fuel vopuired {5 yeach the H=8 staging point. The
weight specified 1n Figure 30 does, however, represent the maximum allowable within
the current configuration design constraints.
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PERFORMANCE SENSITIVITY STUDIES

A number of trade sensitivity studies were conducted on the Series 4 configuration to
assess its performance characteristics during the boost acceleration phase. The
Optimal Trajectory by Implicit Simulation computer program (0TIS) was used to compute
all trajectory results., The program features a three-degree-of-freedom trajectory
simulation model that employs non-linear programming optimization routines to provide
an advanced trajectory optimization capability. This approach differs from
traditional (explicit) numerical trajectory optimization techniques in that 1t treats
the equations of motion as constraints, then iterates within the constraints and other
boundary conditions to find an optimal solution. The program can simulate and
optimize the trajectories for a large variety of flight vehicles ranging from subsonic
aircraft to hypersonic vehicles and spacecraft. The program was particularly useful
for application during this study since known end points could be specified, then
optimal solutions for the initial conditions developed, subject to specified boundary
conditions.

In all cases a target weight to be delivered to the orbiter staging point was
selected, then the model worked backwards to establish the minimum 11ft-off weight.
The reader is cautioned to note that the procedure was applied only to the lift-off
point; no specific take-off analyses were run. Preliminary estimates suggested,
however, that on the order of 80,000 1bs of rocket and JP fuel would be consumed
during the take-off ground roll phase, The 1ift-off weights discussed in the
following paragraphs do not reflect this weight addition. All analyses were based on
a lift-off speed of M=0.5 (approximately 380 miles/hr). Unless otherwise specified,
the target weight at staging was set at 1.1x10% 1bs, and consisted of the fully fueled
orbiter (606,000 Ibs) and the empty booster plus residuals and return JP fuel (500,000
1bs). The analyses completed were limited to the powered boost acceleration phase
only. No consideration was given 1n this paper to the performance of the booster
after staging.

Figure 31 presents typical boost acceleration phase trajectory time history results
for the Series 4 reference configuration. A peak thrust of 2.,25x106 1bs was reached
approximately 200 seconds after Iift-off. Total time to reach the orbiter staging
point, exclusive of the take-off ground roll, was just over 500 seconds. Maximum
angle-of-attack at lift-off was 5.4°. A minimum angle-of-attack of approximately -2°
was observed as the configuration descended to pick up the reference dynamic pressure
{q) line (1500 1bs/ft2 for this case).

The first sensitivity study completed was in response to the previously mentioned
requirement that the orbiter SSME remain in operation during the ramjet acceleration
phase (i.e from M=3 to M=8)., During the study, the orbiter SSNE was run at full
throttle up to M=3. Above M=3, separate runs were made with the orbiter SSME at
selected throttle settings witmn its normal operational envelope. A reference run
was also made with the orbiter rocket turned off at M=3, The dynamic pressure during
the ramjet acceleration phase was stabilized at 1500 1bs/ft? up to M=7.5, then allowed
to taper off to meet the staging conditions. The results, as presented in Figure 32,
clearly show that operation of the orbiter SSME during the ramjet acceleration phase
is highly counterproductive; the 1i1ft-off weight at the 65% reference throttle setting
was some 265,000 1bs heavier than with the engine turned off at M=3. In keeping with
the study guidelines of using near-term or existing systems wherever possible, the 65%
throttle setting position was retained as the reference value since no system
modification would be required. However, 1t must be emphasized that very significant
overall weight savings could be realized by modifying the SSME operational cycle.
Lift-off weight for the 65% throttle setting case was 1.85x10% 1bs. Including the
estimated 80,000 1bs fuel used for ground roll would result i1n a take-off weight of
1.93x10° 1bs, well below the design maximum of 2.11x10% 1bs.

Another area of interest was the sensitivity of the system to the dynamic pressure
during the ramjet acceleration phase, With the orbiter SSME operating at the
reference throttle setting of 65% above M=3, the trajectory was varied to produce
dynamic pressures (q) ranging from 1000 1bs/ft2 to 2500 1b/ftZ over the Mach range
from 3 to 7.5. Above M=7.5, the trajectory was again tailored to meet the M=8 staging
conditions.

Figure 33 presents altitude vs velocity, and thrust and dynamic pressure vs time for
the cases considered. For the high q run a peak thrust of more than 3.0x105 1bs was
reached when all engines were operating. Acceleration time to the M=8 staging point
was 400 seconds. For the low q run, acceleration times increased to over 600 seconds
with peak thrust falling off to just under 2.0x10° 1bs. The impact of dynamic
pressure on the lift-off weight is presented in Figure 34. Although continuing to
decline with increasing dynamic pressure, the Ihft-off weight 1s relatively
insensytive to q for values greater than 1500 1bs/ft2. Increzsing q from 1500 to 2500
Ibs/ft2 decreased 11ft-off weight less than 6%, while decreasing g from 1500 to 1000
tbs/ft2, increased lift-off weight by more tha. 6%. Considering the more critical
thermal problems associated with high q flight, and the minimum reductions in lift-off
weight realized, the 1500 i1b/ft2 value was retained for the reference miccion,

A follow on study was conducted to determine the sensitivity of system 1ift-off weight
to the booster SSME operativnal cycle. The booster SSME normally runs at maximum
throttle setting from take-off to M=3, then is shut down. For this study, it was
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systematically shut down earlier, until in the limiting case, 1t was not used at all.
The results, as presented in Figure 35, show that the minimum 1ift-off weight was
achieved by the reference cycle (i.e. running the booster SSME to M=3). Little change
was observed when the booster SSME was shut down at M=2, since the ramjet thrust had
already built to a signmificant value by then. For shut down Mach numbers below 2,
however, increased overall lift-off weights were observed. For the limiting case of
not using the booster SSME at all, an increase of approximately 160,000 1bs was
observed compared to the reference case. Note here that adding the estimated 80,000
1bs of fuel expended during the ground roll phase would result in a take-off weight
approaching the design maximum,

The performance of the ramjet units at higher Mach pumbers was another area of
concern, since the system was clearly operating on the outer envelope of the subsonmic
combustion ramjet. The problem was further complicated by a Series 4 design change
which allowed bow shock ingestion at higher Mach numbers (to improve the transonic
drag problem, the ramjet engines were moved forward). Although propulsion specialists
were confident with the ramjet design, it seemed prudent to perform a sensitivity
study to assess the impact of possible ramjet thrust degradation at high Mach numbers
on overall system performance. For the study, the ramjet thrust at M=6 and above was
reduced by 25% and 50%, and its impact on 11ft-off weight determined. Target weight
at M=8 remained 1.1x106 Ibs. The reader s reminded that the orbiter SSME 1s also 1n
operation during thiys phase, and even at the reduced throttle setting, 1s producing in
excess of 360,000 1bs thrust. The results from the thrust sensitivity study are
presented n Figure 36, and show that a 50% reduction in ramjet thrust at M=6 and
above, prouuced a 170,000 I1b 'ncrease in 11ft-off-weight, Figure 37 shows the
corresponding thrust schedules as functions of velocity.

The final study to Le discussed here dealt with the booster weight at staging. During
all of the preceding analyses, this had remained fixed at 500,000 1bs. For this
st'dy, 1t was varied in 10% 1ncrements from -10% to +30%, yielding booster staging
weights ranging from 450,000 1bs to 650,000 I1bs. The target weightc wuere adjusted
accordinaly, from 1.05x10% 1bs to 1.25x106 Ibs. The results are presented in Figure
38, and show that a 200,000 1b variation in booster weight at steginy produces a
360,000 1b change 1n 11ft-off werght.

CONCLUDING REMARKS

The results from the study verified the concept formulation and performance potential
of a near-term two stage space launch system featuring & hiah L/D orbiter component.
A payload capability of approximately 42,000 1bs 1nto a 100 n. m1. polar orbi1t was
demonstrated for a 11ft-off weirght of approximately 1.85x106 1bs.

Significant performance improvements may be realized by further upgrading the SSME
propulsion system used on the oro-ter component. A 25% to 30% i1ncrease 1i1n baseline
thrust will allow the 50,000 1b reference payload capability to be met. Nodification
to the basic operational cycle to allow shutdown/restart capability of the orbiter
SSME would reduce li1ft-off weight by 265,000 1bs (14%) to 1.58x10° 1bs.

The system 1hft-off weight was only moderately sensitive to dyramic pressure, once &
value of 1500 1bs/ft2 had been reached. Increasing dynamic pressure during the ramjet
acceleration phase from 1500 Ibs/ft2 to 2560 1bs/ft2 reduced 1ift-off weight by less
than 6%.

Redu?ing ;amjec thrust by 50% at M=6 and above increased lift-off weight by 170,000
tbs (9.3%).

Weight sensitivity studies established that a 1 1b increase in booster weight at
staging produced a 1.8 lb 1ncrease in lift-off weight.

REFERENCES
1. Draper, Alfred C., and Buck, Melvin L., “Lifting Bodies - An Attractive
Aerodynamic Configuration Choice for Hypervelocity Vehicles”, AGARD-CP-428,
Aerodynamics of Hypersonic Lifting Vehicles, 6-9 Aprii 1987, Paper No 30.

2. Fisher, Carren M.E., "Experiences Using the Mark IV. Supersonic Hypersonic
Arbitrary Body Program", AGARD-CP~428, Aerodynamics of Hypersonic Lifting Vehicles,
6-9 April 1987, Paper No 3}.

3. Hargraves, C.R., and Paris, W.W., "Direct Trajectory Optimization Using Nonlinear
Programming and Collocation”, Journal of Guidance, Control, and Dynamics, Voi 10,
No.4, July - August 1987, pp 338-342.




———g;

SCHEDULE / MILESTONES

fY§? Fysy (a71] FYeo

AIRBREATHING OPTION STUDIES

I¥ HOUSE DEVELOPWENT

IN HOUSE TESTS (MACH 8) ~

CONTRACT SUPFORT

5.7

:st snoz wmo rum«n TESTS oA A
2 HD suar wmo wuuu TESTS A jAA
o UNACH OF 1O
l
FIG. 1 PROGRAM SCHEDULE/MILESTONES

GROUND RULES

» NELAR TERM
STAQGED SYSYEM

. OOABLE TECKNOLOGY
Leve

AIRBREATKING FIRST STAGE
* ROCKEY SECOND STAQE
s SHUTTLE CLASS PAYLOADS

+ FULL REUSEABILITY

Ve /
% o ‘\‘
= ALL AZIMUTH LAUNCH P o
S~ \W

+ HORIZONTAL TAKE-OFf
AND LANDING 2-
¢ BOTTOM DROP /

SYAGING MODE

BOOST PROPULSION CYCLE

ORBITER ROCKET

BOOSTER HIGH-MACH DR S S
AIRBREATHING SYSTEM --

BOOSTER TURBOFANS

0O 1 2 3 4 65 &8 7
MACH NUMBER

FIG., 2 STUDY GROUND RULES

SECOND STAGE ORBITER

Fi

G. 3 BOOST PROPULSION CYCLE-ORIGINAL PROPOSAL

———-=———— STAGE VELOCITY EFFECT
" r ST4GING  1ACH NUMBER o
\ tanesy
" 00008
” B
464 5¢C vaom

SECOND STASE WT ~ WLXCK L3

YN(OQEHCAL VELOCITY POTENYIAL
#1000 FT / SEC

WING-BODY CONFIGURATION

=
14 10N $PECIFICATIONS.
LEQPVAMON. $2(CUICATIONS, PR
2 POBTION NOZILE BINE DEMIATIVE <.
S ——
THAUST SlA LEVEL 438000 L08
AH W00 L8
{114 ‘!A CEVEL 393 BECONDY

wiuumn 444 BECONDS

—— AIRBREATHING PROPULSION SYSTEM —

"

18, 5 YELOTITY REQGUIREMENT CFFECT UN SIALL

HEIGHT

FIG. 4 PRELIMINARY WING-BODY ORBITER

OPERATIONAL ENVELOPE

SUPERSONIC COMBUSTION RAMJET

T suBsoNIC
COMBUSTION RAMJET

| YORBOJET/
TURBOFAN

[} 2 4 L] 8 10 12 14 16
MACH NUMBER

F16. 6 CANDIDATE AIRBREATHING PROPULSION SYSTEMS

oL




5-8

- SECOND STAGE ORBITER .

LIFTING-BODY CONFIGURATION
. ORBITER PERFORMANCE CHARACTERISTICS __

iy T LIFTING-BODY CONFIGURATION
e o
l\/ man 2 ¢ TUnBULENT ) M. 10 M 100000 FY

. { LAMINAR § -———— s 20 H = 200000 FT
2 ‘T
3
- 9
'3 2
a
~
- 1
B
-
PN ekt Y

—n s s
porptt

‘AR " ANGLE OF ATTACK ( DEG )

FI6. 7 LIFTING-BODY ORBITER (INITIAL)

FIG. 8 ORBITER PERFORMANCE CHARACTERISTICS

INITIAL LIFTING-BODY ORBITER

— SECOND STAGE ORBITER —
WEIGHT STATEMENT LIFTING-BODY CONFIGURATION FINAL DESIGN

TOTAL STRUCTURE - e e e e oo 58402 183 r AP ———

SUBSYSTEMS ... - - me n e 12087 1BS L ’é T

CREW 1ACCOMODATIONS . T T p

PROPIRSION 6R0CP .. e . 8400 1S

UANDING GEAR PR, - 4118 188

WOGHT EMPTY 28 us a ST W T T

PATLOAD . 000 185 9 YA 3 YR, =

R - Y} 5 ) S . myg F R e il

STAGINS WEBHMT s e - . 55500 (88 < ﬂnL:—— P | P - YO _
FIG. 9 ORBITER MEIGHT STATEMENT (INITIAL)

FI6. 10 LIFTING-BODY ORBITER (FINAL)

FINAL LIFTING-BCDY ORBITER
WEIGHT STATEMENT .
AEROOYNAMS SURFACES 6684 8¢ ALTITYDE AND VELOCITY VS TIME
SO0Y STRUCTURE “_': N “_ f_‘ L:::' 43:562185 Ortuter from 100k FL Mach § Lo 100HM Foiar (rtat
THERMAL PROTECTIN STSTEM . . e SEGTUES on w0
VAONCHIRECOVERY/ 0OCKNG . . . SZBUS
PROPLSON RELATED SYSTEMS - 13132 188 L B
SUBSYSTEMS oo e . 1,153 188
CREW STATION[PROVIINS .. .., . 656 188 hid Bkad
GROWTH FACTOR o o oo v o 1945 168
09 23%00

EMPTY WEGHT e s e S3450 LBS 9 § F

S o I8 200000
oW e 771 3 ; §
COTAL NON ASCENT FURS 8 LOSSES . . .. TAIES woon | a0
TOTAL ASCENT FURL . usa0tes 4
PAYLOAD “ LBHo LS & w0} wooo
STAGING WEKHT . S04S318S « oo} w3000

0o Axtude
T om0~ © = Wplochy
s £l 00 00 n e e L2
_—— . . - . Tar (s0)
FIG. 14 URBLIER AeIbHT STATEMZNT (FINAL)

FIG. 12 ORBITER ASCENT TRAJECTORY (ALTITUDE/
VELOCITY VS TIME FROM STAGING)




e e —— et e

e gy —

FLIGHT-PATH-ANGLE AND ANGLE-OF-ATYACK VS TIME
Ortater from 100k FL Moch 8 to 00HM Poior Ortet

1

Argie~of - Attock {Seg}
s
Fagpt o Potne Ange {deg)

o= FuptefitmAnre
© = Angle=of = Altock

e 20 o
Tome (sec)

FIG., 12 CONCLUDED (FLIGHT-PATH-ANGLE/ANGLE-OF-
ATTACK YS TIME FROM STAGING)

——— BOOSTER CONFIGURATION EVOLUTION —

SERIES 1 CONCEPT FORMULATION ONLY  WING-BODY
ORBITER NO DETAILED ANALYSIS COMPLETED

SERIES 2 LIFTING-BODY ORBITER INTRODUCED
LEE-SIDE PROPULSION INTEGRATION
PRELIMINARY SIZING, WEIGHT, AERO, MEATING
AND PERFORMANCE STUDIES COMPLETED

SERIES 3 REVISED CONFIGURATION CONCEPT WITH 2-D
PROPULSION INTEGRATION SCHEME

SERIES 4 REFINEMENT OF SERIES 3 DETAILED
CONTRACTOR/WRDC STUDIES INCLUDING SIZING,
WEIGHT, AERO, PERFORMANCE, AND PROPULSION

FIG. 14 BOOSTER CONFIGURATION EVOLUTION AND
SERIES IDENTIFICATION

— PRELIMINARY CONFIGURATION EVALUATION -
SERIES 1

A -

PAYLOAD TO ORBIT VS8 THRUST-TO-WEIGHT RATIO AT STAGING
Ortater feoen 100k Rt Moch 8 10 00N ok Ortat

0000

W0

o
z
g 4000

2000

%0000 FINAL ORSITER DEMION

9% on on LL " o * " " " "
Thrust~to-wegt Roto

FIG. 13 IMPACT OF ORBITER THRUST-TO-WEIGHT RATIO
AT STAGING ON PAYLOAD CAPABILITY

— BOOSTER CONFIGURATION DEVELOPMENT

/&/

SERIES 1
/ A@y
/ SERIES 2

/
/ ( /émss ]

/SER!ES 4

FIG., 15 SCHEMATIC OF BOOSTER CONFIGURATION
DEVELOPMENT

-

—PRELIMINARY CONFIGURATION EVALUATION —

SERIES 1

FIG. 16 SERIES 1-TWIN POD/EXTERNAL CARRIAGE
CONCEPT

FIG. 17 SERIES 1-PRELIMINARY INTERNAL CARRIAGE
CONCEPT




5-10

r— SERIES 2 -CONFIGURATIOM DEVELOPMENT —

., — PROPULSION MODULE

CORE VEHICLE ~—

REVISED LIFTING-BODY ORBITER—

18 SERIES 2-DEVELOPMENT MODEL

FI6.

—FIRST STAGE BOOSTER——- --
SERIES 2

HIOM SPEED NAMJIEY
INSTALLATION

FORMRD nAm FOA
PITCH C

I YURDOFAN INSTALLATIONS

FIG, 20 SERIES 2-BOOSTER DETAILS
LAUNCH PHASE PERFORMANCE .
SERIES 2
- e~ COMBINED STAGES =surm—mfomor ORBITER -]
2
L e W rrruoe” f
i
THRUST
I !
7 gi EZ VELOTITY
Balz 18
£ i R L RAMJET ROCKE™—}
bou
3oL ,’/‘/”7’
3] s skl I
l (13 -y ‘ﬁi:’t DS((!)C).G‘I‘ - YY) !
FIG, 22 SERIES 2-LAINCH PHASE PERFORMANCE

—y——— INTEGRATED TWO STAGE LAUNCH SYSTEM

SERIES 2

FIG.

19 SERIES 2-INTEGRATED TWO STAGE LAUNCH
SYSTEM

~——— BOOST PROPULSION CYCLE —]

SERIES 2
ORBITER ROCKEY
BOOSTFR ROCKET
BOOSTER TURBOFANS
BOOSTER RAMJST T
¢ ' 2 3 4 5 &6 7 8

MACH NUMBER

FIG.

21 SERIES 2-B00ST PROPULSION CYCLE

FIRST STAGE BOOSTER

PRELIMINARY LAYOUT
SERIES 3

=

}-—-qee ” t""— 1 "
—'T:w —

Fl6,

23 SERIES 3-~PRELIMINARY LAYOUT




FIRST STAGE BOOSTER

AIRBREATHING ENGINE CHARACTERISTICS

SERIES 3

3 AlmP MMABNLE OZONETHY

IMET STAUCTURE

INTEQRATED TURBOFAN
ACGELERATORS

FIG. 24

INTEGRATED TWO STAGE LAUNCH SYSTEM ___
SERIES 4 (INITIAL )

SERIES 3 MULTI-CYCLE AIRBREATHING
ENGINE DETAILS

—— BOOST PROPULSION CYCLE —

SERIES 4 { INITIAL )

ORBITER ROCKEY

BOOSTER ROCKET

BOOSTER TURBOFANS

BOOSTER RAMJET

0 1 2 3 4 5 6 7 8
MACH NUMBLR

FIG. 26

FI6., 28

WAL

R

SERIES 4-INTEGRATED THO STAGE LAUNCH
SYSTEM (INITIAL CONFIGURATION)

INTEGRATED TWO STAGE LAUNCH SYSTEM

SERIES 4 ( FINAL)

U0 T

:-:" wilwy, “E__

SERIES 4~INTEGRATED TWO STAGE LAUNCH
SYSTEM (FINAL CONFIGURATION)

e e mmmma— e o eE oo

FI16., 25 SERIES 4-BOOST PROPULSION CYCLE (INITIAL)

FIRST STAGE BOOSTER
AIRBREATHING ENGINE CHARAGTERISTICS
SERIES 4

FIG, 27 SERIES 4 MULTI-CYCLE AIRBREATHING ENGINE
DETAILS

—— BOOST PROPULSION CYCLE —

SERIES 4 ( FINAL )

ORBITER ROCKET’ M

BOOSYER ROCKET

BOOSTER TURBOFANS

BOOSTER RAMJLT

—t—
0 t 2 3 . & A T ¢

MACH NUMBER

FIG. 29 SERIES 4-BOOST PROPULSION CYCLE (FINAL)

It b By

e dis




~—— INTEGRATED TWO STAGE LAUNCH SYSTEM ————
WEIGHT STATEMENY
AEROTHERMO STRUCTURE o 302375 1S BOOST PHASE PROFILE
EOUPMDNT (SUBSYSTEMS) e e 14588 188
PROPUSON SYSTEM e 197,208 188 % w um.__________.______h‘___.Epvm
SROWTH MARG .. $583 Las ‘”[ " s
%
EMPTY WERHT “s LS < . » X:/.;}f»
USERN LOAD (CREW / RESIOUALS | PRESSURANTS ... 10575 LBS FOERTY » o /’ﬁd
NON ASCENT PROPELLANTS /1! s oo P 7 -
ST JL08368 1854 138 g - 79 “ gw }/
" 62200 LBS ] o€ 0l Y g
Uy e TSI LA E z Py
(o, 152817 188 g g w gm
VOTAL BOOSTER o 1507047 18 4 2 on * A
ORGITER 603453 163 050 Y N
SYSTER GROSS UFT OFF WS o, 2011100 135 v/ o n v
[ ) had 7‘“’ °'f“‘:’z
LRt ("1
Q L] L]
. %N e PR W0 W e B0 S0 5
FiG. 30 SERIES 4-FINAL WEIGHT STATEMENT e ey
FIG., 31 SERIES 4 REFERENCE CONFIGURATION BOOST
PHASE PARAMETERS (THRUST /ALTITUDE/
VELOCITY VS TIME FROM LIFT-0FF)
ANGLE-OF-ATTACK AND OYNAMIC PRESSURE TIME HISTORIES
woe * "
s R ORBITER THROTTLE SETTING EFFECT ON LIFT-OFF WEIGHT
“oy
had ]
N \l\‘} /'\ ” Y
. L) Y Fall]
a 2 3 /‘i\ o e A % /
H z T om _
w} B . H w /,_/ \
§ g & - RErEnEnCE
“w -t & //
-2 K? e //
“w '~ 3 e
K 0w Angle of Aftock s s
o = Dynamc Pressive o /
b '0 w0 0% B X0 10 MO 0 W0 e MG e /
Tme (saxs) ]
o —
° © 0 » - b - » » ” o e
F1G. 31 CONCLUDED (DYNAMIC PRESSURE/ANGLE-OF- SSHE Treotiie Seting Affer Man 3 (%)
ATTACK VS TIME FROM LIFT~0FF)
FIG. 32 ORBITER THROTTLE SETTING EFFECT ON LIFT~-
OFF WEIGHT
BOOST PMASE ALTITUDE-VELOCITY PROFILES
o BOOST PHASE DYNAMIC PRESSURE TIME WISTORIES
Wy
oo 0 et e
00 500 '/.. Posmpmpermyany,
o0 ey
g
0000 g 00 AmSnacacsmampriad
§ :
w00 i odoo
- £ -
s E w
000 0 -0 0-0-0-0.0 & - @010 o H
D000
o ke ]
360

F16.

33 DYNAMIC PRESSURE SENSITIVITY RESULTS
(ALTITUDE VS VELOCITY)

H

]
¢ 0 00 B0 0 M 00 B M0 40 0 W 0 A
Time (secs)

33 CONTINUED (DYNAMIC PRESSURE VS TIME FROM
LIFT-0FF)

FIG.




BOOST PHASE THRUST TIME HISTORIES
oo
DYNAMIC PRESSURE EFFECT ON LIFT-OFF WEIGHT
sn00008
»
100000 t L}
g opa00 Al
= 9
£ 2 n
§ oo 3 .
oo } 2
5[ "
300000 5.,
'. »® 00 o W e ¢ N e “ WM Y e W v \
Tene (00 " RLSERENCE
(1]
F16. 33 E({)ﬁ%gggz)y (TOTAL THRUST VS TIME FROM * vame ssurs During Ramyet s ) -
FIG. 34 DYNAMIC PRESSURE EFFECTS ON LIFT-OFF
WEIGHT
BOOSTER SSME CUT-OFF EFFECT ON LIFT-OFF WEIGHT
» RAMJET THRUST DEGRADATION EFFECT ON LIFT-OFF WEIGHT
e -
: tE]
? LR ]
g . &
F R
2
&
2? " v\
$ ., |
§
B v REFERENCE 5
te
(1} w
v 5 <
Mah tumbwr O Boostee SSME Q- OFf AEFERENCE
L4 et £ » » «
FIG., 35 EFFECT OF BOOSTER SSME OPERATION ON Percent Beckaton 0 Ramp Tyt Al o &
LIFT-0FF WEIGHT
FIG, 36 SENSITIVITY OF LIFT-OFF WEIGHT TO
REDUCTICHS IN RAMJET THRUST
~
BOOSY PHASE THRUST PROFILES
e BOOSTER STAGING WEIGHT EFFECT ON LIFT-OFF WLIGHT
2000
13
0m000
00 e
:E: B0V é“ ER]
B o % n
é 000000 £ . b
kg
e R i
TR E u
kol Rormgel Tyt Recctoon tead 4
2000 2:'.'3?: 3 /
° 4= ox L4 REFERINGE
WO V0P WOG J000 20 P 00 4000 900 3000 3390 #00 300 NOD Moo BOOY
Veooty (the) "
' -0 .M '..ﬁ . !0’ »
FIG. 37 THRUST Timg MISTORICS IROM RAMOET Tnikudi i esat Dnange @ Duetie G ST ey

SENSETIVITY STUDY

FIG, 38 IMPACT OF BOOSTER STAGING WEIGHT ON

LIFT-0FF WEIGHT




0-1

POSSIBLE TRAJECTORY PROFILES TO ACHIEVE THE
GEOSTATIONARY ORBIT WITHOUT ANY DRIFT PHASE

Gicvanni Vulpetti

Telespazio SpA per Le Comunicazioni Spaziali
Via Tiburtina 965, 00156 Rome, Italy

ABSTRACT

In this paper we are concerned with two mission strategies for achieving a station longitude on
the Geostationary Earth Orbit (GEO) starting from either a Low Earth Orbit (LEQ) or from
ground with no parking in LEO. Such trajectory profiles are somewhat different from the
conventional ones used for targeting a longitude position in GEO for, typically, a telecommunica-
tion satellite. Neither of profile types here presented requires a drift orbit. The new strategy would
fully exploit the liquid bi-propellant engines and additional capabilities of some of the current
commercial launchers for inserting a satellite beyond GEOQ. The final goal of these strategies is to
reach the desired station longitude in a time ranging from tens of hours to a few days, at most,
with no additional propellant consumption with respect to the traditional trajectory profiles
involving drifts. The new profiles may result in a significant increase of mission success
probability together with less workload for the ground control centre.

1 INTRODUCTION

It is a well-accepted idea that telecommunication satellites can exploit the advantages of the liquid
bi-propellant (monomethyl-hydrazine and nitrogen tetroxide) propulsion [1-4]. Confirmations come
from recent and near-future large satellites such as the INTELSAT VI and VII series, OLYMPUS,
ITALSAT, ARABSAT, DRS, SARIT to cite few projects. However, these satellites are planned or
have achieved their operational orbits by means of the usual strategy of mission: a suitable
Geostationary Transfer Orbit (GTO), where the satellite is left by the launcher or the perigee
booster, is transformed into a Near-geoStationary Orbit (NSO) by means of one or more of
so-called apogee burmings: after them, the satellite is generally found at a longitude somewhat
different from its operational one. As a consequence, the semi-major axis of an NSO is made to be
slightly higher or lower than the geostationary one (42164.3 Km) according to the sign ( West or
East, respectively) of the ensuing longitude increment the spacecraft has to run on in order to
achieve its final longitude. In fact, in an NSO the satellite drifts with respect to the Earth surface.
Because an NSO has both semi-major axis and inclination different from the GEQ’, an additional
transfer is required (usually an Hohmann-like profile) to match the desired conditions on GEO.
All transfer requires up to 20-25 days of flight, most of it being due to the drift orbit. The
workload at the control centre is rather heavy for the whole flight, also because an optimal profile
calis for a rmunimum of four manoeuvres: two large orbital thrustings from GTO to NSO plus two
small ones to finally put the satellite into its station. A so long time of a space centre involvement
means a high cost, especially if the GTO/NSO control centre is different from the
operational-orbit control centre (as it often takes place in Europe).

It may be interesting to remember that the above transfer strategy was born when the
telecommunication satellites were equipped with solid engines (called the apogee kich motors)
which fired only once at the prefixed apogee. Neither control upon the orbital vector radius nor
engine restart were possible.

Another consideration regards the future utilisation of the GEO. It will host large multi-payload
piatforms and/or large satellites for global direct broadcasting and Earth sciences. In-orbit
repairing payloads and/or retrieving sateliites could become an advanta%eous policy which adds to
the normal operations of geostationary satellite positioning by a fully-reusable high-energy
propulsion LEQO-GEQ-LEO shuttle, It is plain that a rapid ascent-phase, namely, of the order of
tens of hours instead of tens of days, would increase the operational goals success significantly,
%spelcially when a long payload inactivity entails strong of{-services and drawbacks to, ultimately,
inal users.

R
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Cutting the drift orbit phase would mean not only a cost saving (that is, reduced opeia.ions at
the ground control centre), but also an increase of mission success because the "transition time
toward the final equilibrium” is reduced. In fact, (1) the number of manoeuvres - together with all
that implies in terms of ranging/angles acquisition, orbit determination and attitude control
on-board - is halved at least, (2) if the longitude change from NSO to GEO is large, the full
satellite visibility from ground may entail additional tracking/monitoring stations or using a data
relay satellite. Finally, rescue missions to GEO may become a reality in a future.

The idea of studying optimal transfers which would avoid drift orbits for telecommunication

satellites equipped with liquid bi-propellant engines can be traced back to the XXXV IAF
Congress. In fact, in ref.-5 it has been proposed such strategy through an example showing one of
the several capabilities of the Telespazio’s Mission Analysis Interactive System (MAIS) [61. The
example regarded the Italian satellite ITALSAT, although too advanced in its development {ur the
strategy being considered actually in the related project. Since that time no other potential no-drift
applications occurred in Italy. However, other geostationary satellites powered by liquid
bi-propellant thrusters are planned in Italy for the next decade. As a consequence, the importance
of new trajectory profiles may be traded off with the classical ones.
After the Shuttle~-Challenger disaster in February 1986, many expendable rockets have been
upgraded to as commercial launchers in USA, Some of them have a high-energy performance
together with both a sophisticated Guidance (that means an high-accuracy targeting) (7). The
possibility to achieve the GEO through an outer-geostationary transfer orbit, in order to decrease
the fuel for the orbital change, has been studied by General Dynamics for its Atlas-G/Centaur
launcher [7,8]. However, no no-drift profile capability has been included hitherto {9).

Advanced liquid bi-propellant engines allow a spacecraft to control: (a) the orbital vector
velacity and the vector radius during a finite-burn manoeuvre, (b) (indirectly) the time of the
coasting following an intermediate burning, (c) the orbita! inclination change, if any. Finite-burn
losses and number of manoeuvres can be kept very low because liquid bi-propellant propulsion
?gléizlgils)thrust acceleration comparable or higher than the GEO altitude gravitational acceleration

. g).

The no-drift LEO-GEOQ trajectory needs nothing more than the already-existing above-mentioned
properties. From a dynamics viewpoint, what is substantially requested to a mission analyst is to
perform the optimisation of a trajectory the final state of which (the GEO satellite) is partially
unspecifted in an Inertial Frame. In contrast, the analyst has to specify the station longitude and
the "actual GEO inclination” 1. The flight time can be prefixed or left open, according to the
mission constraints. This is what we are going to do in the next sections.

2 STATEMENT OF THE PROBLEM

Let us consider the mean-equinox-and-equator-of-date (for instance, date= launching date)
Earth-centred inertial-frame (IF) for our calculations. We denote the spacecraft state by the vector
S = [M, R, V] (M=instantaneous mass, R=vector radius, V=vector velocity), longitudes with respect
to Greenwich by 1, propulsion parameters (thrust and exhaust jet) by T and U, respectively. The
time-dependent thrust direction in IF is denoted by u. In addition, vector magnitudes are denoted
by normal-face symbols; the subscripts "0’ and ** are used to specify epoch and final quantities,
respectively; variables referred to thrusting or coasting are superscribed by a T or C, respectively.

Figure 1 displays the scheme for a GTO-GEO transfer. For simplicity of nresentation, we have
pictured an inner trajectory to a station longitude, By means of the fuinalism of the state
transition matrices we can write:

(1) Sy = ASSyn j= 1l N

Sy = ATS,,. J=1,. N

where j denotes the order number of the generic trajectory phase which is characterised by the
transition matrix 4,. Equations 1 imply that_s,,~$,. Thus, the satellite is required to pass through
an even number of phases to achieve GEO. From Egs.-1 one carries out;

(2) s, = [[(ata8) s,

11t may be suitoble that the final longitude be reached with a residual inclination (instead of zero) for satellite station-keeping
reasons, That, though, is independent of the particular transfer trajectory strategy
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fig-1 Scheme of o No-Drft GEQ nserton. X-o4spomls vernal poin,
0 denoles the Greenwich Sdereal Angle. S denotes the Spacecrafl

Note the decreasing order of the matrix products. If we assume that the satellite matches (at the
beginning of its operational life) a non-zero inclination GEO with the vector velocity parallel to
the equator, then the final state can be expressed as follows:

+  Rero cos(t) cos(A/+G,)
+  Reeo cos(t) snn(/\,+G/)
+ R sin(t

(3) S/ - CEO ()

= Vero sm(/\,+c,)
Voo cos(A,+G,)
0

where the orbit inclination is « and the final Greenwich Sidereal Angle (GSA) is given by:

4 G, = Go + w (1,-t,)

7/

w being the Earth angulur speed. The spacecraft initial state can be related to the following cases:
A: a lower-than-GEO GTO onto which a launcher leaves its payload;

B a generally-circular parking orbit where a booster 15 activated to transform 3t into a
lower-than-GEO GTO;

)

C. a higher-than-GEO GTO onto which a launcher leaves its paylcad;

It is important to determine the optimal no-drift profile by explicitly considering in the
computation the vehicle boosting the proper satellite into a transfer trajectory (that the satellite
engines will modify). That is essentially because the mission analyst has additional realistic degrees
of freedom to optimise the flight profile in order to synchronise the satellite injection at che
desired iongitude.

There are a number of constraints and realistic conditions of flight which one should consider in
order to prove the feasibility of the no-drift concept:
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1. the thrust orientation shou!d be somewhat simple, possibly constant, during a_burning in the
inertial frame. That ultimately aims at easy mechanising the vector stcering. The thrust
direction generally changes from burning to burning;

2. the liquid bi-propellant engine currently exhibits an intermediate level of thrust (490 N); that
means long burning times in order to carry a heavy satellite into operation. The European
Space Agency is supporting the development of liquid bi-propellant thrusters of 3 KN [1};

3. the number of thrustings is to be kept as low as possible; however, it is not advisable at all to
try to perform one burning: the multi-burn policy entails not only a saving propellant, but also
allows to correct the satellite tra >ctory dispersions by the last burning; 2

4. although the total transfer time to station is short compared to the classical strategy, however
both the satellite-Greenwich synchronisation and the spent propellant also depend on
perturbations to the idea! keplerian field;

S. no limitation on the station longitude value is desired for the no-drift concept is applicabie;
however, it is well known that there are GEO zones particularly attractive (and crowded) so
that a real analysis is less severe

A remark about points 2 and 3 is in order. When thousand-newton engines are available, one could
obtain the insertion into GEO by one thrusting even for satellites as heavy as 6000 Kg.
Nevertheless, point 3 could be particularly important for future GEO spacecrafts and a two-burn
strategy may result in the optimal strategy. That would have the additional advantage to enlarge
the faunch window from the no-drift longitude achievement viewpoint.

3 COMPUTER CODE

The optimal constrained trajectory profiles have been computed through the special NO-DRIFT
option of the program MAIS, a muiti-burn minimum-propeliant two-boundary trajectory
optimisation code (16]. MAIS has been written in FORTRAN-77 and curiently consists of about
25,000 lines, including comments. It runs in double precision on an IBM-3081 uader the VM/CMS
operating system and on a 25-MHz 32-bit COMPAQ/Weitek-1167 work-station under the MS-DOS
3.31 operating system. The current version of MAIS requires up to 4 MB of memory to run; in
fact, MAIS can perform a flight design optimisation involving up to 9 thrusting and 9 coasting in
any sequence 3. MAIS allows to simultaneously optimise up to 99 control parameters (90 of them
describe independent azimuth/right-ascension and elevation/declination components of the thrust
direction) while up to 13 state/time equality constraints and up to 37 control/mass inequality
constraints can be specified altogether. Launching-from-ground simulations (with in-atmo-
sphere~-working engine behaviour), variable-thrust (for chemical and ion propulsion) and
computation of stochastic trajectory dispersions are allowed.

With regard to the current set of mission profiles, the spec al NO-DRIF1 option allows a
dynamical update of the unknown final state in order to synchronise the satellite orbit with Earth
rotation to the desired station longitude at the end of the last burn. The transfer !ime is generally
left open 4, while best epoch depends on the selected station longitude. Booster dry mass or other
mass jettisoning. if any, and J2 perturbation and high-ctimosphere drag are taken into account. The
high-atmosphere model consists of an exponential-like model with parameters coming from the
NASA Standard Atmosphere-1977 5; no truncation is made in the differential field equations; in
particular, the correct J2 perturbation has been considered in all phases of flight. The minimisation
algorithm consists of a modified version of the Levenberg-Maryuardt method [10] which allows the
analyst to use a rough guess of the control parameters as starting solution. Although MAIS is
designed to offer a very wide spectrum of thrusting control law, however it has been used here
{or_conlsgant thrust solutions, though varying from burn to burn, in the light of what said in sect.-2
point-~1).

2 This last option can be increased in performance if the orbit determination process were either implemented onboard or
accomplished in the control centre by a filtering techmque.

3 For instance, particularly complex flights could imply sequences such as CTTCCCTTTC, TTTCCTTCCCT and so on
Thrusting and coasting sectioning in MAIS takes place through arc-dependent parameters.

4 However, MAIS can be run in fixed-flight-time mode if a particular spacecraft requires to synchronise its final longitude at
some specified time.

5 When 2 launching-from-ground is computed, the whole standard at here model is dered




4 APPLICATIONS

We present results for the cases A-B and C separately. From a dynamics point of view the
launcher’s upper stage of case A is equivalent to the booster of case B; in fact, both can be fired
in such a way to leave the satellite in that sub-stationary transfer orbit that minimises its fuel,
while the orbit synchronisation with the Eorth rotation to the desired operational longitude is
performed by the satellite propulsion system. It is important to realise that, although the profile
optimisation is accomplished simultaneously on all control parameters, is only the satellite
propellant that is to be minimised in order to guarantee a long operational life. Thus, we discuss
flights of type B only for the lower-than-GEQ transfer.

4.1 LEQO-GEO Transfer by Inner-Stationary Trajectory

Figures 2 through 4 show the impulsive delta-V from a classical GTO to GEQ as function of
the perigee distance and for GTO inclination angles ranging from 0 to 90 degrees. Such
behaviours are useful to quantitatively evaluate how much excess propellant the no-drift best
profile requires. Note thar, since the perigee stage and the J2 perturbation are taken into
account in the flight computation, the impulsive reference propellant consumption in cases A-B
is determined by the osculatig perigee and inclination just before the beginning of the first
finite-thrust burn. Although the correspondmg osculating apogee is generally lower than_the
GEO radius, however this difference is small so that Figs, 2-4 can be used; instead, it is
correct to consider such discrepancy as a consequence of the finite-burn losses.

In order to prove the feasibility of the no-drift concept, we have chosen a difficult mission

configuration. The purpose is to prove the concept in a case of both limuted booster
performance and low thrust on the satellite, which, in turn, is more massive than the current
telecommunication satellites 6. As a consequence, the low-acceleration propulsion system of the
satellite has to accomplish both a strong inclination change and longitude synchronisation.
Practical satelhtes may be in more favourable conditions for achieving station longitudes
without diifting in an NSO,
The considered GEO satellite weighs 2500 Kg and is powered by 500-N 310-s liquid
bi-propellant restartable engines. The specific impulse value is to be meant the effective one.
The solid booster weighs about 4.5 tonnes (its propeilant mass depends on the particular
optimised profile) and exhibits a mean thrust of 100 KN and a specific impulse of 290 s. The
booster+satellite vehicle is left in a circular parking orbit 300 Km high and 30 degrees in
inclination. The booster type is not of particular matter in the no-drift calculation; in contrast,
its class determines to what extent the first GTO may be adjusted. The same function could be
accomplished by the wuegrated prepulsion system of future spacecrafts. With no loss of
generality we simplify the refe.ence frame of Fig.-1; in fact, the mean equatorial plane at
epoch is considered as reference plane, whereas the X -axis coincides with the intersection
between the (ideal) GEO and the parkmg orbit at epoch 7

One should realise that a no-drift trajectory is independent of the particular launch day
during a year (at least, if we limit ourselves to dynamical considerations, thus excluding, for
instance, solar array and sensor problems which, on the other hand, there also exist in the NSO
option). In contrast, during a day the spacecrart longitude at epoch affects the propellant
consumption to a desired final longitude in GEO; in other words, a launch window is expected
8, The main purpose here is to show and discuss the launch window for the vehicle described
above. Here, launch means the start of flight at some suitable point in the parking orbit (for
instance, the instant of the vehicle separation from an orbiter); epoch is referred to such a
point. Different initial points behave merely as a (small) scale shift for transfer time and initial
longitude of the considered satellite.

Flgures 5a-5c¢ show the behaviours of excess deita-V, propellant, flight time, right ascension
at insertion and burn distribution as function of the spacecmft longitude at epoch. The final
longitude is required to be 34u degrees here. The impulsive solutions of reference in Fig.-5a
are in the sense of what said at the beginning of this section. In contrast, the impulsive
solution in Fig.-52 is the best one, taking J2 and drag into account, for this vehlcle, namely, a
limited booster plus a satellite of mass beyond tiie booster capabxhty with respect to the full
orbital change. Figures 5a-5¢ refer to as the minimum fue. ights lasting the shortest time. In
fact, real satellites could require to add to rhe first transfer

6 Th.; envisaged satellite is about 10 percent heavier than the INTELSAT VII series satellites (whick arc in progress)

7 Epoch is usually chosen in the half orbit preceding the perigee burn. This co-rusponds to the real arc where the
booster+satellite complex 1s depluyed by some low-altitude launcher. Thus, the relative nodes hine at the perigee thrusting is
very close to the defined X-axis

& The desired station jongitude represents a point with a fixed arc frum the intersection besween the iaesi SBO ana the

Greenwich menidian plane Thue, it may be pictured as a point-like weightless body that revolves the Earth with a certain own
plane \ y be p poir

phase, Thus, a real satellite should perform a "rendezvous™ with such a fictitious body.
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arc (about a semi-ellipse) a number of integral orbits because of some sub-system constraints. In
these cases behaviours similar to those ones presented here (but corresponding to a different
range of initial longitude) there exist. For this reason and the probable situation that future
auton ated spacecrafts will perform flights to GEO in short times, we discuss about the
minimum-fuel+minimum-time results. Another remark regards the final station longitude; the
fact that we selected 20 degrees West (a zone rather crowded) for our discussion is of no matter
for the no-drift concept. .

The most important result from Figs.-5a/5c is perhaps the existence of a launch window of 4
hours to within which the spacecraft fuel penalty (with respect to the impulsive solution) ranges
from 0.7 to 3.3 percent. Such values are less than the corresponding excess fuels spent by most of
the large current telecommunication satellites which are delivered to their station longitudes by
means of classical strategies. The amplitude of the above window is of the order of or greater
than the usual telecommunication satellite windows. Beyond the 3 percent value, the no-drift
penalty increases rapidly with the absolute value of the initial spacecraft longitude. {n contrast,
inside the window there exist a quasi-plateau zone and an optimum value of the initial longitude.
The fine-structure of the launch window partially depends on the fact that thrust is to be kept
constant in a burn for adding no further complexity to the satellite AOCS. That does not allow
the thrxust_ direction to be updated very smoothly as it happens in unconstrained-in-thrust-direc-
tion solution,

Figure 5b shows that the minimum time solutions entail flights lasting from 17 to 20 hours. In
addition, the symmetric satellite burn solutions, either equal delta-V or equal burning tine, are
well within the above window and imply almost the same cost, namely, an excess of about 1.7
percent. Such feature may be attractive from a hardware viewpoint (for instance, the battery
subsystem).

4.2 LEO-GEO Satellite Transfer by Outer-Stationary Trajectory

From the data of [7,9] we have arranged a simulation of a launcher upper stage (a little
different from the actual Centaur) capable to deliver a heavy payload into an outer-stationary (or
super-stationa:y) transfer trajectory. The payload is endowed with liquid bi-propellant to
perform two manoeuvres. The first one takes place at high altitude to simulitaneously raise
perigee and accomplish most of the orbital change; in fact, although better in performance than
the boosters generally used for inner-stationary transfers, the current launcher upper stages are
not yct able to change all of a high inclination (28.5 deg. this case) for a massive satellite (2500
Kg). The second burn occurs close to the geostationary altitude to circularise, including a residual
orbital change, and complete the synchronisation to the final longitude. Thus, the satellite has to
use its own engines to transform a super-GEO trajeciory into a GEO; the two long coasting times
are to be controlled (by the previous burnings) in such a way the desired station longitude may
bﬁ achieved at the end of the last thrusting. Such a thrusting is obviousiy a braking propulsion
phase.

Figure 6a shows the launch window for the outer-stationary flight in terms of delta-V and
distance of the upper burning. The horizontal line represents the delta~-V of the reference
impulsive transfer of Fig.-5¢, namely, 1740 m/s or, equivalently, 1089.5 Kg for a 2500-Kg 310-s
satellite. The apparent gain is plainly caused by the high-altitude orbital change. Thus,
incidentally, the current result also emphasises a particularly interesting application of what
proposed in Refs. 8,9 about a super-stationary profile. Figure 6a is truncated on the right at the
launcher limit. A launch window of 10 hours, at least, exists for the current case of 2 West
station longitude. Figure 6b shows that such transfers last from 29 to 38 hours, a situation better
than the sub-stationary transfer times with respect to the time required by some satellite
operation (e.g. attitude acquisition). The same Figure also shows that there is an interval of initial
longitude entailing the final thrusting inside the geostationary orbit, this interval is followed by
another one where the satellite approaches GEO externally. Note that the final right ascension is
always greater than 180 degrees in the considered interval of initial longitudes. In contrast to the
inner-stationary transfer, the first satellite burning last much more than the second burning That
12 displayed is Fig.-6¢c. There is also shown the upper stage's propellant excursion. about 3
rercent over the current window.

As a general remark, we point out that a super-stationary transfer is able to exhibit a large
window simpl!y because the transfer trajectory arcs are not constrained to evolve to within a
limited zone such as the GEO circle. In addition, trajectory dispersions are more manageable; in
fact, although the launcher upper stage errors are amplified at high altitude, however: (1) a long
thrusting there could be adjusted to compensate for these errors, (2) the uncertainties caused by
the apogee burning (are reduced at perigee and) could be corrected by the final short manoeuvre
near GEO. The last long (from 12 to 18 hours) coasting could be easily observed from ground,
the full trajectory state may be updated in reai-time by means of a filtering technique, the
braking manocuvre may be rapidiy computed and the relaied commands sent o ihe satetliie i
time. In addition, the pseudo-period of the first quasi-ellipse could be chosen (by selecting the
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appropriate _initial longitude) close to 24 sidereal hours (abeut 86164 s), namely, the first
transfer orbit could be a synchronous orbit. This -..guld have the advantage tc add a few periods
for satellite and ground operations, without changing the "rendezvous conditions” to theé station

longitude and keeping the total transfer time iess than three or four d
show an example of outer-stationary no Arifl minimuy -propeilant trans
into GEO at 20 deg. West in longitude.

TABLE 1. Parameters of the trajectory shown in Fig.-7.
Epoch (before the perigee thrusting): date = 1%91 Dec. 31

Initial Spacecraft Longitude = ~264.62 deg

Coasting + Launcher Upper Stage Burning Time

First Transfer Coasting:

Initial semi-major axis
eccentricity
inclination
asc. node R.A,
perigee argument
eccentric anomaly
longitude

Final semi-major axis
eccentricity
inclination
asc. node R.A.
perigee argument
eccentric anomaly
longitude

coasting time

satellite mass

Super-Stationary Burning:

Final semi-major axis
eccentricity
inclination
asc. node R.A.
perigee argument
eccentric anomaly
mass
longitude

burning time

Thrust: magnitude
right ascension
declination

Second Transfer Coasting:

Final semi-major axis
eccentricity
inclination
asc. node R.A.
perigee argument
eccentric anomaly
longitude

coasting time

Braking/Insertion Burning:

Final semi-major axis
eccentricity
inclination
right ascension
declination
mass
longitude

burning time

Thrust: magnitude
tight ascension
declination

47449.5 Km
0.86252
23.817 deg
181.200 deg
0.625 deg
359.019 deg
-181.47 deg
47096.5 Km
0.86143
23.806 deg
181.126 deg
0.76 deg
172.262 deg
-195.73 deg
46833.0 s
2500 Kg

64944.6 Km
0.35079
1.155  deg
183.952 deg
1.244  deg
177.283 deg
1779.3 Kg
-210.61 deg
4381.8 s
500 N
vi.09  deg
16.07  deg

64946.8 Km

1.155  deg
183.949 deg
1.250  deg
356.270 deg
-20.40 deg
82927.8 s

42164.3 Km
0.00000
0.00000 deg
187.305 deg
1.L1IE-10 deg
1507.5 Kg
-20.000 deg
1652.5 s
500 N
96.27 deg
-8.22  deg

ays. Figure 7 and Tab.-}
fer 1o insert a spacecraft
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35 CONCLUSIONS

In this paper we have analysed the possibility for liquid bi-propeliant propulsion telecommunica-
tion_spacecrafts of achieving their station longitudes without using the drift-orbit strategy. Two
confx‘guratio_ns have been studied: (a) transfer trajectories whole inside the geostationary orbit, (b)
transter trajectories going beyond the geostativnary aititude. Launch windows in terms of delta-V
as funstion of the initial spacecraft longitude have been carefully computed for both mission
configurations. The considerable advantages of a no-drift profile with respect to the traditional
strategy have been emphasised. These are by no means definitive in selecting a strategy to put a
satellite in a GEO station. The spirit of this work is to suggest, on a quantitative basis, to consider
- in a real space project - a careful trade-off between classical transfers and new transfer profiles
offered by bo:h satellite unified propulsion systems and high-performaace launcher upper stages.

Such an analysis could and should start since the phase A and, in any case, should be completed
during the phase B.
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Reentry Trajectory Optimization and Control

P. Strohmaier, A. Kiefer, D. Burkhardt, K. Hora
Messerschmitt-Bolkow-Blohm, FE 126, 8012 Ottobrunn, FRG

Summary

There arc several possible methods to increase the cross range capability of a winged reentry vehcle, for instance, skip
trajectories, a powered cruise phase, or high lift/drag ratio flight. However, most of these alternative descent strategics
have not yet been investigated sufficiently with respect to acro-thermodynamic cffects and the design of the thermal
protection system. This problem s treated by two different means. First, a nominal reentry trajectory 1s generated
based on a phase concept, and then the same problem is again solved using a numenical optimization code to determine
the control functions, 1.¢., the angle of attack (AOA) and the roll angie schedule,

The nominal reentry trajectory design presented first subdivides the total reentry trajectory into several segments with
partially constant control/state parameters such as maximum heat flux and deceleration. The “opumal” conditions for
a given segment can then be selected  In contrast, the parameterized optimization code selects the control functions
“frecly”, i.c., local perturbations are judged with respect to the cffect they have on the entire trajectory. Both approaches
consider a mass point simulation which uses realistic model assumptions for atmosphere, carth, and gravity. Likewise,
both approaches satisfy all {light regime limitations and boundary conditions such as thermal constraints throughout the
flight path and specified spced and altitude at the final time. For the optimization of high cross range reentry trajecto-
ries the cross range per total absorbed heat represents an appropriate cost function. The optimization code dchvers quite
a different flight strategy than that usually generated by the nominal reentry design program, first flying longer along
the temperature boundary at highest possible ACAs (utihizing higher average turn rates), and afterwards performing
flarc-dive segments to reduce heat flux and to increase range.

Finally, the report considers the aspect of guiding the nominal or optimized reentry trajectory during a cross range flight.
The vertical guidance 15 performed with both angle of attack and soll angle control. The roll angle is primarily used for

controlling sk speed, thus correcting the alutude/speed profile to the predetermined nommal profile. Range contro} can
be affected by AOA modulation using predetermined gradients as a function of range-to-go.

1. Introduction

Since European space transportation concepts such as ARIANE V/HERMES and SAENGER/HORUS define new
mission requirements with respect to the maximum cross ranges of the winged upper stages, the nced for higher
lift/drag-ratio vehicle design as well as optimal control of the reentry trajectory flight path and gurdance becomes in-
creasingly important.

Figure 1. compares the nominal cross range requirement of several exising and future concepts. Due to (he different
geegraphical locations of European landing sites, trajectories yiclding large cioess ranges are needed  Considerning a ref-
erence orbit 300x300 km and 28.5° inclination, th~ Sacnger-HORUS g':der concent. for example nas a mimimum mis-
sion requircment of about 2500 km cross range, 1n wrder to perform a landng mancuver on German territory. Even the
HERMES vehicle needs 1700 to 2000 km cross 13000
range to achicve specific mission requirements,
¢.g., 2 landing at istre In addition, the required
angle of attack n the hypersonic regime differs
greatly among the vehicle types. Compared to
the successful SHUTTLE concept, the Sacnger
modet shows a sigmificant decrease from 40°
down 10 around 25°, which also yiclds increasing
acro-thermodynamuic loads (heat flux and total
absorbed heat). For the HERMES vehicle, the
AOAs required in the hypersonic regime are on
the order of 32° to 35°.

Four diffcrent flight strategies have been identi-
ficd for the purpose of flying extended cross
range trajectories:

Spoca Glders
. OwuSaenger/HORUS
AmHermes
O .

- © ]’ +Shuttie
HORUS

2500 C+

20000

e N\
4[]

1000 O

Nominal Crosarange Reguirement (Km)

¢ Nonmunal Trajectories (Fhgh L/D)

£000 0 v y - s e
o . . 200 25.0 300 as o 400D '3
¢ Skipping Trajectories {See Ref. 1.) AOA in the hypersontc regime (Degrees)

¢ Reentry Trajectorics with a Boost Phase
(H =50 Km) (Sec Ref. 2.) Fig. 1. Nominal cross range mission requirement for several

@ Optimal No-Skip Trajectory Control space glider concepts.
(1 <0)

Tne bastc effects on the design of a thermal protection system (TPS) and the corresponding heat load assessments are
described 1n Ref, 2. The mam design drivers for a TPS for high cross range mussion requrenient are identified in Ref.
23s:

¢ Maximum heat flux level determines selection of TPS matenal

¢ Total accumulated heat dimenswons the TPS overall weight

¢  Max. temperatuse gradients influcnce the mechanical strength of the TPS.

NowlAdE

W'
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This paper deals with the aspect of optimizing the control functions of a nominal trajectory 1n order to fly a certain
cross-range at the lowest possible heat loads. The conventional method of achicving a high cross range is to fly at the
highest lift/drag-ratio levels which can be utilized inside the flight regime hmitations for as long as possible during a re-
entry mission  However, such a flight strategy, due to the extended flight time, leads to high values of total absorbea
heat with the corresponding adverse effects on the thermal protection system design. Henee .5z optimization performed
consists of minimizing the absorbed heat for a given cross range, without violating the max. reference heat flux level of
the corresponding nominal trajectory too much.

2, Control Function Effectiveness
The control functions for the reentry trajectory are the angle of attack, a, add the roll angle, u.

This section summarnizes the influence of the control functions on the long peniod trajectory dynamics (mass point sim-
ulation). Whenever the trajectory lics above the equilibrium glide condition (balance of lift, centnifugal force, and
weight), the actual vertical lift is less than needed to maintai a horizontal glide trajectory; for flight below this condi-
tion, the opposite is true. As a result the vehicle performs long period oscillations around the cquilibrium glide trajec-
tory. This trajectory motion possesses dynamic stability for speeds below circular speed.

In order to understand the following nominal reentry trajectory design, the typical control function effectivencss on the
flight dynamics is discussed bricfly. A change in the angle of attack, for example, results in a sudden change of the total
lift/drag situation (fixed dCp /da characteristic), however, a change in the roll angle changes “only” the vertical l}ft

component. This control characteristic of the total acrodynamic forces is used for the design of nominal reentry trajec-
tories and the vertical guidance of a glider.

Figure 2 uscs a simple block diagram to 1llustrate the relationship of both controls on the flight dynammucs. (See Ref. 3.)
The control of downrange by lift constitutes a fourth-order system, involving vertical velocity, altitude, horizontal ve-
locity, and downrange. (This is the product of four integrations, 1/s, where 1/s is the differential operator notation.)
The hift force is acting essentially in the vertical direction and affects the rate of change of the vertical velocity. The in-
tegration (1/s) of the vertical velocity gives a vari-

ation in density altitude. This change in density CONTROLS,

affects the drag force and consequently the rate of € OF ATTACK

change in honzontal velocity. An integration of the Q';f'; ANGLE l
horizontal velocity results in variations in the

range along the path.

‘ ANGLE OF ATTACK

The change of verticai lift can be generated by
both controls, but a direct change in the total drag
can only be achieved by a change in AOA. Nev- [ |
ertheless, as a sccondary control effect, total drag { |
can also be modulated by flying at a different | i
density altitude, which is also possible by changes

PP

I
[
|
I
I
v

of the vertical velocity, controlled by the toll angic. I 4

in principle, the roll angle control would be suffi- g Aumuoe DOWNRANGE
cient to fly a nominal reentry trajectory, which has (ENSY)

a specified range requirement. Thus, for the design VERTICAL VELOCITY HORIZONTAL VELOCITY

of a nominal recntry trajectory the roil angle pri-

marily controls altitude inside the fight regime Ii-

mitatons, and the angle of attack level primanly RELATIONSHIP_CONTROL AND DYNAMICS

determines the downrange. Additionally, there are

fhight segments, in which both controls need to be .

used, for example, 1n the final descent to the ter- Fig. 2. Schematic diagram of control function effects on

minal area in which final specd and altitude re- flight dynamics.
quirements must be matched.

3. Operational Constraints

In addition to the requirement of having sufficient cross range to reach a certain landing sitc from a fixed orbut, the re-
entry trajectory has to satisfy several operational constraints, These constraints result from the imited load capacity of
the structure and the thermal protection system, as weli as from comfort considertions for the crew on board. (See
Appendix 1.)

Figure 3, 1n an altitude versus speed plot, shows the relevant constraints and the nominal reentry cosridor for a descent
from a low carth cicular orbit (H =460 km) with 28.5° inchnation. These constraints ase a function of both Mach
number and (with the exception of the dynamic pressure himit) angle of attack. For determining the hmut lines, the
AOAs along the speed/aititude prafile of the nominal trajectory arc used, i.c. for a given speed, the altitude hmts are
calculated. The shaded arca between the highest and lowest nomunal path 15 the pomunal atmospheric entry corridor.
Any actual guided trajectory is assumed to lic within this area which takes into account all types of noastanJdard con-
ditions, such as density deviations or errors in the predicted acrodynamic data. The two extremne trajectories arc detcr-
mincd from the standard nominal trajectory by adding a deceleration margin of +20%. Thus corresponds, for example,
to a deviation in density of + 20%

The temperature limit curve in Fig. 3 represents an envelope of the different temperature imits corresponding to critical
points on the surface of the vehicle, for example, at the stagnation point of the fuselage or on the body flap. This en-
velope 15 also a function of the angle of attack and is difficult to compute. The reference heat flux hmstation can be taken
as a substitute for the temperature limits if they are not available. The reference heat flux is the heat flux ai the stag-
nation point of a sphere with 1 meter radius and is (as a first approximation) proportional to the wall temperature ag
this pomt  The temperatuse constraint limits the reentry path at altitudes between 70 an 30 km, which 1s the portion
of the trajectory at which the first flare occuss.

e et

In addition to the absolute wall temperatures, the total sccumulated heat during reentry 15 also of interest, This value
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determines the heat buildup inside the structure and is a design parameter to be minimized. The absorbed heat is

strongly influenced by the flight time. To find the best compromuse between having sufficient cross range and minimizing

;lhc agsorbcd heat 1s an optimization problem. The absorbed heat in this report always means the integrated reference
cat flux.

The dynamic pressure, the load factor, and the hinge moment represent the structural loads. In the cxample presented,
the allowable hinge moment limits the reentry trajectory at medium velocities (roughly, 12 < Mach < 18) while the
dynamic pressure becomes critical towards the end of the trajectory (Mach < 9).

Skip-out and recovery ceiling are not considered here for the design of nominal trajectories at circular entry speeds.

4. Physical Modeling

The modeling of the vehicle is based on a realistic physical model including the equations of motion with all physical
cffects that influence the trajectory (See Appendix 2.). Since the use of analytic models having simplificd assumptions
for carth, gravity, and atmosphere can lead to sizeable discrepencics compared to results obtained with detailed modeling
of these features (sce, c.g., Ref. 4), the model considered incorporates the following:

¢ Earth form : GEM 10 (rotating ellipsoid)

* Gravity - radial and lateral components of gravity are taken snto account
* Atmosphere : US Standard 1966 mid latitude spring/fall

® Reference heat flux : Detra/Kemp/Riddell cold wall (reference radius | m)

The three equations of motion (force cquations) are given with respect to the carth fixed systeri using the spherical co-
ordinates longitude, latitude, and altitude. The carth modehing includes the (1) oblatences of the carth which results m
radial and lateral components of the gravity, and (2) the constant earth rotation which leads to additional terms in the
d:ffcrcnural cquations. The gravity and the atmospheric data are functions of both the geometric altstude and the lati-
tude (Ref. 5).

The temperature over altitude profile of the standard atmosphere consists of scveral inear scgments with abrupt slope
changes. Using such a model gives a simulation of a constant heat flux phase with unrealistic jumps in the roll angle
profile occurring at these slope discontinurtics in the temperature profile. ™o avoid these unreahstic edges, the temper-
ature profile has been smoothed by inserting circular arcs in the regions of abru vt slope change. Thesc modifications
provide a smooth temperature profile and atmosphere. To investigate non-standard atmosphere profiles 1t is n~w possi-
ble 1o definc a factor on the acnsity as a function of the altitude and to define the sea-level conditions.

The reference heat flux 15 a characteristic design parameter for comparing two trajectorics with respect to the thermal
loads. In first approximation, the reference heat flux is proportional to the temperature occuring at the stagnation point
of the fuselage. The model defines the heat flux as being that at the stagnation point of a sphere with one meier radius,

The acrodynamic data are given in the form of tnmmed acrodynamic coefficients. These coefficients for lift, drag, and
hinge moment are functions of the angle of attack and the Mach number. The discrete tabular data are interpolated h-
nearly.

The control parameters for tnfluencing the reentry path are the angle of attack, a, and the roll angle, u. For the deorbst
mancuver a constant thrust in the X-body axis direction 15 used After this decorbit impulse (which deterruncs the state
paramcters at the entry interface, 120 km altitude), no morce thrust is available for the atmospheric reentry trajectory.

To compute the nominal reentry path, the control functions are selected so as to maintain a specificd constant state
parameter level, e g., a heat flux of 375 kW/m?, and are input for the simulation module (Sce Appendix A2.) using the
above physical model (The optimization package, on the other hand, selects the controls using the strategy outhned in
Section 6.) In erther case, the trajectory s the resuit of a real point mass simulation with alt dynamuc effects.

The boundary conditions of the trajectory are :
¢ Intal condition : State parameters of the orbit at begin of deorbit mancuver.,

¢ Final condition Altitude = 24 5 km, Mach = 2 Start of terminal 2-ca encrgy management phase)

5. Nominai Reentry Trajectory Design

Nomina! trajectorics are required to provide refercnce data for a flight control system. For the nontinal design loop, only
standard conditions without disturbances in the atmosphere or in acrodynamics data arc considered. Such disturbances
are then later incorporated for determining a complete flight path corndor.

A very simple and yet effective method for satisfying all constraints and boundary conditions during reentry consists of
subdsviding the path nto segments, cach of which 1s dominated by a specific crtical parameter, ¢.g., by heat flux or
deceleration. The magmitude of theee narampters determines the altituds,specd profile of tiwe path as weii as the transi-
tion points between the various phases. (Sce Refs. 6 and 7.)

During cach phase, a certan schedule of the control function 1s required to satisfy the fixed parameter level The end
of one phase is reached, when the parameter of the subsequent phase becomes a more criical parameter than the current

one. Accordingly, by a vanational study of these phase parameter magnitudes, a sub-optimal solution for the complete
trajectory can be found.

Special effort has been made to obtan 2 smooth transition between these phases. A direct concatenation of the phases
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would cause jurps in Some state variables, especially in the path angle. To avoid these difficulties, several short transi-
tion phases have been inserted between the main phases.

Allsegments of the rcentry trajectory (deorbit mancuve:, Keplerian flight path, atmospheric flight phas:s) are calculated
with the equations of motion (given in Appendix 2) ana with the physical model described in the previous chapter . The
program takes the initial state variables at the deorbit point (defined as time t =0) and calculates the path in fixed time
steps. Thus, a real mass point simulation is performed, which incorporates all dynamic effects. Due to the iterative
sclection of one control function at cach-time interval (which is, in principle, a simple vertical guidancs concept), dis-
turbances in atmosphere and errors in the predetermined aerodynamic coefficients can be analyzed which still give tra-

jectories lying within the flight path corridor.

The next chapters describe the different flight

phases. Figures 3 and 4 show (1) the profiles of

altitude and deceleration over velocity and (2)

the controls as functions of time for the phases

%esglritied. These results are also illustrated in
able 1.

5.1 Hypersonic Flare

The first phase after the deorbiting maneuver is
the initial flare in the hypersonic Mach regime

which begins at a defined entry interface of 120
km altitude. Although the atmosphere above

this altitude has been taken into account during
the computation of the deorbit maneuver, the
density effects on the magnitude of the atro-

dynamic forces actually first become >T3nificant
during the computation of the hypersonic flare,
i.c., only in the regime below 120 km altnude.

During the hypersonic flare the angle of attack

a = a-catry remains coustant and the rol angle
is zero (giving maximum possible verticat }jf.).

The reentry path angle and the maximum avail-
able lift both have a strong cffect on the maxi-
mum temperatures oc.t ring dJving the first part
of the reentry trajectory. For given acrodynamic
characteristics and wing loading, Fig. . shows
the relationship between (1) the angle of attack
during the initid® reentry phase, (2) the entry
path augle, and (3} the maximum reference heat
flux. Since a-cntry has t~ be withir (ertan
boundaries which result from thermal require-
ments, the maximum sliowable neat flux defines
the entry window of the path angle. The thermal
angle ~{ attack corricor used in this report ranges
betwear 32° and 40° and is active as long as the
reference heat flux is above 175 KW/m?*. y-cntry
is determined oy the selection of a defined deor-
bit impulse, i.c. the duration of the deorbit en-
ginc burn, with the requirement to achieve a
specified *7at flux at the 2nd of the first flare in
the hypersonic regime.

The end of the Lypzrsonic flare (or the start of
the heat flux phase) is defined as the point at
which the heat flux begins to decrease again
(path angle acarly zero).

5.2 Heat Fiux-Contral Phase

The heat flux control phase is initiated by a roll
aagle buitdup, which is required in order to avoid
an uncoatrolled .nipping of the vehicie nto

higher atmospheze. The objective is 1o obtain a
flight path which hay a continuous decrease in
both speed and altitude and which also complies
with the thermal limitations (max. wall temper-
atuge).

This requircment can be met by keeping the ref-
crence hicat fiva constant at the maximum value
of the preceding flare phase. As already stated,
this approximately corresnonds to constant wall

H <km
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temperature. Flight path control during DECELERATION OVER VELOCITY

this phase is performed by roll angle ad- ORBIT. 460460 KM/28 5 DEG  ap»35DEG yps- 144 DEG
justment, whilc the angle of attack is held 3q/8ty=360 /M2 dV/8gminap=-7 0 m/s"2
constant (at a-cntry). Constant heat flux ‘0 -
during this phasc simultancously corre- 'J HYPERSONIC FLARE
sponds to a continuous buildup of decel- 00

cration. -10

HEAT FLUX PHASE
-2.0 -
5.3 Transition Phase

A 304

The steadily increasing decak. wtion during 0 -s04 TRANSITION PHASE

the heat flux control phase is combined % _Mﬁ\im"“";—"“m"“'w""“"

with mncreasing load factors. To limit the E

load factor to the maximum allowable va- v -00-\__

lue, it is nccessary to fimit the deceleration 8 <50

of the preceding phase. This can now be & _M_\:\_

donc by controlling the deccleration via

the angle of attack. To obtain a constant -90-

deceleration level, decreasing angles of at- ~100- e =205 exfi AT
tack are required as the altitude decreases. o or ’.“:;‘;‘:5,:’7’:1“.
However, decreasing the AOA also implics R e T T Ts 50 35 80 85 70 75 1o

higher thermal loads, which could lcad o v <km/s>
a violation of the thermal limits. Hence,
prior to reaching the maximum deccler-
ation himut, a reduction of the heat flux
level is necessary to provide for a regime
within which the AOA can be adjusted

without violating the thermal angle of attack corridor. This is the purpose of the transition phase.

Fig. 4. Deceleration vs Speed profile for the entire reentry
path corridor.

The reduction of the hecat flux 15 achieved by limiting the increasing sink rate. In the transition phase, the roll angle
controls the sink rate, while « is held constant at a-cntry. The sink rate slowly stagnates to a constant value, and the
deceleration continuces to increase.

The transition phase cnds when the maximum deceleration is reached. This maximum deceleration needs to be hmited.

5.4 Deceleration Control Phase

In the deceleration control phase, the magnitude of maximum deceleration is used as a dimensioning phase parameter.
Deceleration during this phasc is held constant by a continuous reduction of the angle of attack ( v max = const). Its
maguitude also determinces the maximum load factor that occurs, and it also has a great cffect on cross range and lon-
gitudinal range, yiclding reduced distanc.s for high values of deccleration.

Additionally, the sink rate is held constant in order to keep the dynamic pressure at a moderate level at the end of this
piase The sink rate at the end of the preceding transistion phase can be sustained throughout the deceleration phase
by continuously adjusting the roll angle. This limitation of the sink rate prevents the dynamic pressure constraint at the
end of this phase from being excceded. 1t also increases the flight time and, consequently, the cross range of the vehicle.

5.5 End Phase

The purpose of the final reentry phasc is to ensure that the cnd condit.ons are in comphance with the starting conditions
defined for the landing phasc, gencrally referred to as the “Terminal Arca Energy Management Phase” (TAEM). This
is achicved by predetermined profiles for deccleration and sink rate. These profiles ( v (H) and v, are determined such

that, at the defined final altitude, a defined

speed is also obtained. Phase Angle of | Roll End | Altitude
The end phase starts at a fixed Mach number Attack  |Angle | Condition | <km>
(c.g. Mach=10), with the corresponding alti- Hy; -rsonic 0 §=0 120...80

tude, deccleration, and sink rate as obtaincd i iE
from the preceding deceleration phase. As in are Aifag
the deceleration phase, a is uscd to maintam a

predetermined deceleration profile, and the roll Heatflux controls | V=V g 80.. 65
angle is used to adjust the sink rate. Deccler- Phase Alfag  |q =Qmax
ation as well as the sink rate at the defined final ,, .
altitude are free parameters. However, by as- Transition controls |V =Vpomy | 65..60
suming a lincar change in the sink rate v(H) , Phase Alfag  jvs=vg,
and a parabolic change in the deccleration -
¥ (with vertex at the phasc starting point), one Deceleration fcontrols [controls | Ma=10 60...50
of the two free parameters becomes fixed, if the Phase v =¥ max Vs =Vsye
other onc is assigned a specified value.

End controls |controls | Ma=2 50...25
5.6 Main Design Parameters Phase ¥ =f(H) vs=N(H)
The recntry path is mainly influenced by the ) X )
hypersonic angle of attack a-cntry and by the Table I. Phase structurc of nominal trajectory: critical pa-
maximum deceleration during the decelerasion ramcters and switching conditions

control phase. Thesc two parameters determine
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the ranges and the absorbed heat and can
be chosen freely within certain bounds. A
third important parameter is the valuc of
the maximum heat flux in the heat flux
control phase. This value corresponds to
the maximum wall temperature recached
and also has a strong influence on ranges
and absorbed heat. In this study the max-
imum hcat flux is held fixed and is deter-
mined through the maximum allowable
wall temperature for the nominal reentry
path. The reference orbit for the following
results is a 460 km circular orbit with
28.5° inclination.

In Fig. 5 the absorbed heat and the longi-
tudinal range arc presented as functions
of cross range, showing the cffect of a
variation in a-entry. The main cffect of a
change in a-entry is a change in the hy-
personic LD ratio. The greater the value
of a-entry, the worse the resulting
L/D-entry. The fact that a-entry remains
constant for a long time during reentry
greatly influcnces the resulting trajectory.
The longitudinal range, as well as the cross
range, increases as a-entry decreases. The
longer ranges require a longer flight time
for the path, which results in a higher ab-
sorbed heat, meaning a larger loading on
the thermal protection system.

If the orbit and the landing site are speci-
fied, the required cross range is fixed. The
plots show, the maximum value of a-cntry
that one can have and still satisfy the cross
range requirement. This maximum a-en-
try should be chosen, because lower valucs
would incrcasc the thermal load (absorbed
heat). The specific thermal load (defined
as the ratio of absorbed heat per cross
range) becomes smaller for greater values
of a-entry. a-entry is bounded through the
thermal angle of attack corridor (in this
example between 32° and 409).

Figure 5 also shows the results of the var-
iation of the maximum deceleration during
the deceleration phase. An increase in the
deceleration results mainly in a decrcasc in
the flight time. For a larger deccleration,
a larger a is necessary to increase the drag.
A higher a causes more lift, so that a
higher roll angle is nccessary to maintain
the same vertical hft force. The decreasing
flight time shortens the ranges and also
decreases the absorbed heat.
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Fig. 5. Absorbed heat and longitudinal range as functions
of cross range, showing cffects of a-cntry and deccl-

leration bounds.

The specific thermal load becomes smaller with smaller decelerations. But this effect is reversed when a certain mini-
mum deceleration is reached (in this example about -6 m/s?). With smaller decelerations, the roll angles, and thus the

turnrates during reentry become very small. The smaller turnrates then decrease the cross range, thus increasing the
specific thermal load,

6. Optimal Trajectories with STOMP

The reentry trajectory problem discussed in Section 5 has been investigated further using the parameterized optimization
program, STOMP (Ref. 8). The STOMP package is an MBB improved/extended version of Trajectory Optimization
by Mathiematical Programming (Ref. 9). (The "S” stands for "speredy” duc to the features recently incorporated for re-
ducing CPU time.) In this scction, we discuss recent improvements made to STOMP at MBB, and how these im-
provements have been effective jn determining optimal trajectories for high cross range reentry problems. The mudet
used is the same as that in Scction 5, with the control functions and the final time to be selected by the STOMP package

rather than by the controls laws discussed earlicr. No phase concept is incorporated. Rather the optimization package
itself determincs the optimal strategy.

6.1 Cost Function and Boundary Constraints

The STOMP program, uscd in conjunction with a parameterized optimization code, is required to mimimize a user-sup-
plicd function while salisfying given constraints at the final time (and/or throughout the entire flight path). These con-




straints may be cither cquality or incquality constraints.

Applicd to a Kermes or Horus, no-skip, reentry trajectory problem, a typical cost function would be
To minimize: Total absorbed heat per cross range

while satisfying the cquality constraints at the final time:
Mach number = 2.0  Altitude = 24.5 km

Boundary constraints are imposcd throughout the cntire flight path: (1) the thermal and structural hmits in Section 3,
as veell as (2) the no skip condition, Y., < 0. A function, {-violation is defincd which measures any violation of these
constraints, and the STOMP program Grives this violation towards zcro by imposing the snequality constraint:  f-vio-
lation < ¢ps  at the final time.

6.2 Contro! Functions and Design Parameters

The STOMP package receives a set of “points” from the paramcterized optimization code and constructs continuous
control functions out of subscts of these points. In addition, STOMP labels a subsct of the points as design parameters,
¢.g., final time. Control functions for the reentry

trajectory arc angle of attack, a(t), and roli angle,

r(.

6.2.1 Definition of Control Functions

The control functions arc defined as follows:

I. The user defines a sct of grid points for cach
control function. (Sce Fig. 6.)

These grid pomnts are: (1) distinct points n
time, (2) they need not be evenly spaced, and
(3) each control function may have diffcrent
spacings. Most important, the user may des-
ignate any of the points to be "movabic”, and .
the positioning will be selected optimally dur- ~75.04 ;
ing the solution of the problem, ic., these B i i it JEAS S S S Sl S
points become clements in the optimization  =108-df =T Tmrip Tt T S0,
vector. normalized time

econtrol funoction

2. Subscts of the optimization parameter vector
will then be used to define the control func-
tions at the grid points.

Fig. 6. Typical control function with both “fixed” (®) and
"movablc” (@) control points and gnid pomts.

These control function values at the gnd points may be designated as "fixed” or "free”. The fixed valucs are not
changed during the solution; the frec points are adjusted during the optimization process.

3. The controls arc defined as a function of time by connecting the values defined at the gnd points using: (I) hincar
segments, (2) cubic splines, or (3) spline and hincar sub-scgments.

4. The user may place upper and lower bounds on all movable control points and on ali movable grid points.

5. The structyre of cach control function is independent of the other controls in type, grid spacing, bounds, ctc.

6.2.2 Improvements in STOMP concerning Control Functions

The movable grid point feature is one of the most important ncw aspects in the STOMP program. Such points permit
optimal positioning of sudden changes n the control functions, e.g., placement of roli reversals, and they allow for po-
sitioning of local maximum and minimum.

For example, the reentry problem requires a strong roll in the carly part of the trajectory followed by a roll back toward
zero to avoid violating thermal and structural constramnts. STOMP can posstion both the onsct of the roll and the time
corresponding 1o the mimmum value of the function for an optimal roli back point. (Naturally the magnitude of the roil
is also optimized.)

*Fixed” and *free” points in the control function can be switched on and off casily (between optimization runs) so that
the model can be adapted during development as the user detects “problem arcas.”

In gencral, linear contral functions 2re used because thie STOMP program has jeatures which reduce the CPU ume by
about 30% over that required using the smoother cubic splines. A splinc/line control is also available which has uscr-
sclected combinations of spline and hacar segments, The splinc/hine feature has some CPU reduction potential and
provides more smoothness than the lincar functions.

6.2.3 Design Parameters

The STOMP program also supplies design parameters: scalar parameters which can be incorporated into the model. In

i

e




7-8

the recntry problem, the final time is used as a design parameter to be adjusted optimally. The most frequent use of
design parameters is to supply switching times for which changes in the system occur, e.g., the time to cject the thrust
system. However, the design parameters need not be time-related.

6.3 System Modeling and the Integration Package Root-solver

The STOMP program is linked with a Runge-Kutta-Fehlberg integration package which has been adapted to locate all
zero points of a user-supplied vector of stopping conditions (Refs. 10 and 11.) The root-solver is an excellent tool for
constructing differential cquation systems in which branching occurs.

For example, the thermal angle of attack corridor in Hermes reentry problem is in effect until the heat flux is 175
kW/m2. By defining a stopping condition: PHI = q- 175, a new branch of a control function could be activated at
the time for which PHI = 0. Switching out of the thermal corridor optimally reduces computing time. The alternative
is for the optimizer to isolate the switching time using penalty functions which requires more CPU time.

The user may also specify time-valucs as stopping conditions. These are located particularly cfficicntly and enable the
uscr to define branching accuratcely.

7. Optimization Results

While the nominal reentry trajectories (gencrated by introducing partially constant control andjor state parameters
during prescribed phases of the flight path) provide good cross range and acceptable total absorbed heat values, control
schedules can be determined which generate flight paths having even more favorable conditions. The application of the
STOMP program to the reentry problem has yiclded (1) trajectories which have significantly lower absorbed heat with
no sacrifice in cross range and (2) trajectorics which have cxtended cross range for cquivalent absorbed heat valucs.

Savings in absorbed heat per cross range are as high as 22% .

The questions arise: (1) what strategy has the optimizer developed to reduce heat flux andfor to extend cross range, and
(2) can such adaptations be incorporated into the strategy in Section 5 ?

7.1 Numerical Results

Figures 7, 8,9, and 10 present the results for an optimized trajectory for a HORUS reentry from an orbit of 460 x 460
km, 28.5° inclination. The comparison nominal trajectory has been computed using identical conditions. The physical
model for both trajectorics is that described in Section 4 and in Appendix 2.

The trajectory has been optimized from the deorbit point to the TAEM interface (24.5 km). The cffects of the deorbit
burn result in “initial conditions” at the atmospheric interface which can be expressed as a function of y-entry. In the
nominal trajectory, y-entry is sclected to control the maximum heat flux level. In the optimal trajectory, y-catry 1s a
design parameter for reducing the cost function (total absorbed heat per cross range). For the nominal trajectory,
y-entry = -1.4°, for the optimal trajectory, -1.2°.
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problem. arca under the respective curve.)
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The H-v diagram (Fig. 7.) compares the nominal N
and optimal trajectorics, showing the diffarent "

structure of the two flight paths. The optimal
trajectory has a higher initial flare 2nd incorpo-
raies a scquence of flage-dive scgments at the end. M

The effect of the initial flarc at higher AOA, cou-
pled with the optimzed value for y-entry, 1s clearly
evident in Fig. 8. The absorbed heat is cqual to
the area under the g (heat flux) curve. There is
clearly a large “pocket” of savings due to the posi-
tion of the first flare. An equally substantial sav-
ings is evident duc to tire flare-dive sequence. The
optimal solution is allowed o overshoot the § .
curve but docs so only slightly.

30.0,

Alpha <dop>
3

erGernagen

e

IR T

Figures 9 and 10 compare the control functions .o
for the optimal trajectory with thosc for the nomi-

nal trajectory. In the optimal flight path a is ini-

tially raised 1o 40 ° and then rednced to near the Fig. 9. Optimal trajectory control function, a as
thermal-a corridor limit after the initial flare. For a function of time.

altitudes between 50 and 70 km, the optimal and )
nominal a-profilcs are faisly simifar. The optimal
trajectory reduces a below the thermal-a fimit as
soon as the conditions allow, while the nonunal
trajectory delays this reduction. The final fluctu-
ations in the optimal a-profile are needed to match
the prescribed boundary conditions.

The initial roli and the time pomnt corresponding
to the giobal minimum of t are ncarly identical for
both the sominal and optimal trajectorics. Below
60 km altitudc, the two profiles arc somewhat dif-
ferent but they follow similar trends.

Nu <dep>

7.2 Optimal Strategy for High Cross Range at
Low Total Absorbea Heat

7.2.1 Strategy in the Initial Flare R R R R 1

100.0 T T
In the instial flare regime, the STOMP solution L S0 e ime o::‘;-‘ eede.
raises the angle of attack to the maximum permit-
ted value. Such a strategy causes a seduction in
cross range in the nominal trajectory approach. Fig. 10. Optimai trajectory control function, p as
The optimal flight pata, however, avoids this loss 2 function of time.

by achicving cross range through higher average

wirn rates (higher side force at 40° a) and a flare-

dive strategy in the latter portion of the trajectory.

The savings in absorbed heat. which is clearly cvident 1n Fig. 8, 15 achieved because of the opt:mal y-entry valuc and
because the flare occurs at a higher altitude for @ = 40° thar 1t docs for the nominat trajectory value, a = 25° (the two
limiting valucs).

The movable grid point option has been uscd to locate three cniucal control function points mn the mnitial part of the
trajectory: (1) the positioning of the strong roli, {2) the time at which t'ic roll back starts, and (3) the point at which the
initially high alpha is reduced from 40°

7.2.2 Flare-Dive Strategy

The trajectory has been restricted by the no-skip condition. ¥ < 0. As 2 substitute for shipping, the optimat flight path
has developed a sequence of flare-dive segments--ncar skips followed by dives. These {lares cause strong braking, re-
ducing the velocity optimally, and they extend range--both desirable features. The movable grid point option has been
used to locate the critical point in the development in the flarc-dive sequences, namely, the location of the heat flux re-
lated “a-switching condition™ ¢ ~ 175 kW/m?2. Below this heat flux bound the vehicle may {ly at animproved L, D for
cxtending range.

7.3 Summary of Optimal Strategy
The optimal trajectorics have three important segments in their structure

e high angles of attack in the initial phase of the traicctaries, whieh are offective in reducing ahearhed heat {3nd 5eed
not afiect cross range),

¢ flight along the thermal-a bound, which gives risc to the peak heat flux values, and

¢ a flare-dive strategy. which is an excellent means both for reducing velocity (and hence heat flux) and for extendmg
cross range.

Both (1) the high values of a in the hypersonic flarc and (2) the later flare-dive scquences have favorable effects on the
total absorbed heat and the range. However, the flight along the thermal-a bound is a cnitical portion of the trajectory
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becanse of the high heat flux values attamed. Thus, the transition into and out of the flight along the thermal-a bound
must be located optimally.

8. Range/ Terminal Speed Control

Effectiveness P

For the vertical guidance and control of a re- =30.09.- dr rimreelen e
entry trajectory, it is important to know how a : i - n
change in the nominal c‘:)ntrol functions would ‘& ~100.04- - - A-- --@-"
effect the terminal speed and range of the vehi- & : - : :
cle. The nominal trajectories, derived from the £ _jso0d . 00 i« o7 ol i L dORG Le™NA
control concept described in Section 5, arc used £ i : . : : 0. \
originally to generate thesc gradients. Both & A T N

control functions are changed (by a constant g ~°%°} [ . i T T TTTTO( 4
amount of 1 to 3 degrecs), for example, asa £ : : : : : : i ;\;
funcuon of range-to-go for the remainder of the  § -380.04 =% - = EE I A &

trajectory. The resuiting gradicnts dehver time 5 :
dependent influence coefficients, which can cas- -300 04 - T . e
ily be used in a guidance concept to predict the : :

final range and speed at terminal arca interface. _330.0 ; : ; . : iy : ; —)
The gradicnts also depend upon the basic nom- €o o3 02 03 064 063 06 C7 os o@ Lo
inal AOA in the hypersonic regime. In addi- Normalized Range~to-go (~)

tion, they are uscful “numbers”, which show the .

control cfficiency of both controls around the Fig. 11. Range control effectiveness: dRange/da  and
nominal trajectory design. Figures 11 and 12 dRange/jdp as a function of (normalized) range-to-go.
show typical gradients dR/da, dR/dp, dVe/da,
and dVe/dp for a nominal reentry trajectory of
HORUS. These gradicnts ca1 be analytically

described by lincar segments and ecasily stored R AR : :
without a great storage requirement. As a re- -10 0 A\Ag“' -------- R
sult it can casily be seen, that the final range . . A\A\ A

and especially the final speed at the terminal L I : : : —~

: A
U I S S [ovesaniee] .

~40.04- \O\- . . . - I\A

~o_. |

area interface can best be controlied by the an-
gle of attack (per degree angular change), Also,
speed corrections by change in a are still possi-
ble as the range to go becomes small.

9. Guidance Asp~ct

9.1 General S AT . O\, -~

Derivative (m/s/Deg.)

Winged space vehicles, during the initial phase . : . 0

of atmospheric reentry, are confined to a rela- i R SR A et \
tively narrow band of speedjaltitude variations. : : - : : : : : .

Any significant deviations from the nominal or T T ez 63 81 95 s 37 s 45 reo
optimal profile of speed vs. altitude may result Normalized Range-to-go (=)

in excessive heat loads. Hence, the primary ob-

jective of flight path control must be to follow "

the correct profile as closcly as possible. The Fig. 12. Fma'l speed control effectiveness: dV ida and
most critical paramcter during this phase is the dV,/du as a function of (normalized) range-to-go.
angle of attack of the vehicle. On onc hand, in

order to obtain maximum flexibility for adjust-

ing range -- as well as cross range, it would be

favorable to utilize the entire regime between

maximum hft and opumal hftjdrag ratio. However, for heat load considerations as well as trim requirements, the angle
of attack is confined to a hmited operauonal regime during the imtial portion of the reentry flight path, ¢.g. 30°-40°.
Accordingly, the second objective of fhight path control must be to “make the biest” of the available control regime.

Another control parameter 1s the roll angle which does not suffer from rigid limits and which provides for instantancous
normal-force variations. Accordingly, roll-angle control is best suited for achicving the specific sink rate schedule which
results in the required aititudefspeed profile.

Considering the guidance concept, 1t is important to note that a sink-rate control by means of roli-angle variations has
practically no short time effect on deceleration compared to the deceleration of the nominal schedule. At the small flight
path angles typical for reentry (below 1 degree), the gravity component in the direction of flight, which is a function of
sinlterate, ¢ nealarhle compared ta the accadvnamic drag. The problem of achieving a predetermined alutude/specd
profilc can therefore be decoupled from the problem of controlling the range.

There 15, however, a basic difference between these two control tasks: In order 10 maintain the altitudejspeed profile, a
continuous roll-angle modulation, as a function of instantan~ous spced, sink-ratc and altitude is required  Range con-
trol, on the other hand, can be regarded as a long term strategy, i.c., it is immaterial whether the vehicle is flying on 2
fixed nominal path as long as 1t can still reach its landing arca with the correct speed and altitude. For this purpose it
15 appropnate to adjust a predetermined a schedule by a corresponding corsection. Contrary to the altitude/speed con-
trol, there is no nced for continuous a-modulation. Since the magnitude of the a correction is made according to pre-
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determined derivatives dRange/fda, it is considered fully sufficicnt to perform an update after a fix>d tyme interval (e.g.,
onc minutc), during which da is held constant. This update will produce a “correction of correction”, ¢.g. the a -change

relative to the nominal schedule will be relatively small. This, too, is an important feature, because any a-change per-

turbs the vertical balance of forces and has to be counteracted by a roll-angle change. Hence, any step-control input with
respect to a should be as small as possible, which is a strong motivation for spreading a range corsection over the major

part of the reentry path rather than for forcing the vehicle back onto its nominal trajectory by mtroducing powerful

control inputs. In the latter casc, the decoupling of the speed/altitude-control and the range-control (sesuiting 1n a very
simple overall control concept) would no longer be possible. This guidance and control concept has bzen myestigated
in more detail in Ref. 6.

9.2 Guidance Aspect of an Optimized Trajectory

The optimal trajectorics derived in Sections 6 and 7 have quite different schedules for cottrol functions and state pa-

rameters (such as deceleration and heat flux) than do the nominal irajectories described in Scction 5. Duc to the im-

provement in the total accumulated heat, a flight strategy change compared to the nominal higher L;D strategy would
be desirable. Future work should thercfore concentrate on designing a phasc concept having, for instance, partiatly

constant control andjor statc parameters and simultancously incorporating features of the optimal trajectory, ¢.g., the
flarc dive segments.

Such a phase concept could be designed, in principal, out of the following flight segments:

¢ Flare jn the hypersonic regime (a = constant)

o Thermal control phase at max. a (high turn rates)

* Transition phase to high L/D.

¢ Flare-dive phase below max. deceleration limit.

e Flarc-dive phase below max. dynamic pressure limit.

¢ End phasc matching final speed and altitude requirerent.

Such a new phase concept would deliver improved (ncar optimal) nominal trajectorics, which could be generated without
a great amount of comzputing time. Those improved nominal trajectories could then be used as basis for improved gui-
dance strategics combining the reauired coupling strategy of the a and pt profiles needed for flare-dives, and still giving
smoothcr control profiles than those required by the optimized trajectorics in Scction 7.

10. Conclusions

A nominal trajectory strategy has becn presented based on a phase concept. The flight path 15 subdivided into segments
during which a specific statc or control parameter plays a dominant role. The magnitudes of these parameters have been
varicd, with the sclected valucs producing reasonable, sub-optimal flight paths. Such an approach has several advan-
tages: (1) onc obtains a good overview of the catire reentry problem, (2) such trajectorics can be simulated using simpic
control faws, (3) model variations can be studicd efficiently yiclding an entire flight path corridor, (4) the resuits can be
casi:ly verificd, and (5) the entire analysis re ,uires a relatively smail amount of CPU time.

The same paublem has been studied using 2 sumerical optimization program. It has been shown that for cqually farge
cross range mission requirements, the accumulated heat is significantly less for an optimized reentry strategy than for a
conventional nominal reentry design trajectory. although the final flight times are quite similar. During the first part
of the optimal trzjectory, two advantageous featurcs have been exploited. On the onc hand. max AOA provides for
moderate heat flux levels at the temperature boundary (flying at a higher deasity altitude), and. on the other hand,
higher average turnrates can be achicved afterwards which resuit in faster heading change at igher average decelerauion
ievels. The nominal trajectory, in coatrast, flies at higher L;/D levels which resuits in a lower flare alutude and conse-
quently higher heat flux vajues.

In the final part of the optimal trajectory, flare dive-segments, (v < 0) are performed at reduced AOA valucs to take
advantage of reduced heat flux levels as well as ” skip-like” range flight characteristic. However, this sophisticated re-
cntry cross range strategy can deliver somewhat fluctuating control functions. This might be a disadvantage for a gwi-
danace and control system, but could be managed by desigring a similar trajectory shape as the theoretical one but
utilizing partially constant controlfstate parameters. This new concept then, would deliver alf selevant information, r.c.,
deceleration schedules and control functions, in order to satisfy the guidance and control requirements of a sclected
system. Finally, the resuiting TPS weight could be reduced significantly, which would be favorable for the overall design
of the reentry vehicle, especially for the payloads achicved.
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Physjcal Limits /Appendix Al

Dynamic Pressure
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v-/Zanxlp

Hinge Mozent Example

2
By = 8.557p/2v

Structural Load Factor (Body axis)

Baax = ¢ cL(a,Ha) o/2 v2 S cos o+ co(a,ua) ol/2
+?Ssina)/ (agy)

Teaperature Envelope
v = f(H,a)

uilibriva Glide

vY=0

(Table)

O wv/tr +2 % sin X¢os § - g/v + © a%zlv cos2 8

+ cL(a,Ka) o/2 v2 S cos p /S (mv)

Bquations of the ¥odel /Appendix A2

sin2( 0.7082a+1.116( (o, Ha)+6%) )

Differential Equations of Hotion Gravity
v oar atz(coszé siny - sind cos$ cosy cosX) - €rag " k/rz( 14372 JZ(ReIr)z(l—Bsinzé) )

-g siny - 8)ag COSY cosX +

rad
+ (T cos a -~ DV/m

lat ° w/e? I, (Re/r)zsins cosd

Earth Form

X = v/r cosy sinX tané »
+ 2 @, (sin} - cosX cos$ tany) -

+ T uhz / \v cosy) sinX sin8 cosé +

2 2

Ry = R(1s1/2 & 0525 (1+3/4ecosis) )

Reference Heatflux: Stagnmation Point Fuselage
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- grad/v cos v + gla:/v sin ycos X +

+ (L+ ¢ 5in ) cos/u./ (& v) +

Kinematic Equations

¥ =vcos vysin X/ (rcos §)
3w« veos ycos X/ r

f=vsiny List of Varfables

Mass

Altitude

Radius

Hach nusber

True air speed
Structural load factor
Lift

Pynaaic pressure

Hinge zozent
Drag

Thrust
Reference area

O X O "D mnng

™
n
-

G- cq /"E'V3 s (Relm)

Constants

Polar radius of earth Rp = 6356768 =
Equatorial radius of earth R, « 6378150 »

Excentricity of earth ¢ = 0.0818198

Turn rate of earth W = 7.2921157 10'5 rad/s
Gravity constant k = 398600 kn3/n2
Gravity oblatenes Iy - 0.001082627
Detra/Keap/Riddell const. ¢, = 1.7 1077307 g~ Vg

Latitude k4

Longi tude é

Angle of attack a

Roll angle >

Glide path angle Y

Heading X

Denzity 3

Lift coefficient <

Drag cocfficient <

Graviiy lateral 81at

Gravity radial Zpad

Body flap/elevon engle ¢
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HERMES emergency reentry trajectories

consequences on the ARIANE 5 trajectories

Ph. Delattre AMD-BA
A. Wagner CNES
France
0. ABSTRACT

HERMES emergency reentry trajectories occur in
case of any failure during that part of the launch phase
from jettisoning the burn-out solid propellant boosters till
the ignition of the MPH. In that case the Crew Escape Module
cannot be used because of high MACH numbers and very severe
constraints that would result of its low lift coefficient.

The maximum constraints on the HERMES space
plane are obtained in the atmospheric reentry phase of the
energency trajectories. Their important level is due to the
deep flight path angle attained during the ballistic arc of
the trajectory. Their values are depending on the instant of
launch abort.

These maximunm constraints are very depending on
the launch trajectory. The maximum HERMES constraints have
been represented in the altitude-velocity plane as a maximum
altitude boundary for the ARIANE 5 launch trajectory.

Unfortunately a perfoxrmance loss is the result
of the requirement for a reduction of the culnination
altitude. This has lead to a launch trajectory optimisation
that will be detailed in this paper.

As an out-come of this study two important
decisions have been nade by CNES :

- choice of a L6 for the HERMES propulsion module.

- choice of the boundary that constraints the launch tra-
jectory.

Inportant efforts have been made on HERMES in
order to reduce the maximum constraints, in the field of
aerodynanics (moment coefficient reduction, increase of the
maxinum angle of attack), centre of gravity location (in
order to reduce control surfaces hinge-moments and tempera-
cures) and elevon-body-flap differential deflection.
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NOTATIONS

Abort To Oxbit; injection en orbite dégradée
Etage Accélérateur & Poudre

Etage & Propulsion Cryogénique

Low Earth Orbit; orbite basse (ici 460 km)
Module Propulsif d'HERMES

Module de Ressource d'HERMES

EAP A'ARIANE 5

EPC d'ARIANE S

version du MPH utilisée dans cette étude,
avec 6t d'ergols liquide et 60KN de poussée

Référence Horizontale Fuselage; c'est l'axe de
référence avion

Vitesse sol

Altitude

Vitesse sol & l'apogée d'un arc balistique
Altitude & l'apogée G'un arc balistique
Pente

Masse volumique

Constante gravitationnelle géocentrique

Instant de panne dans la chronologie de la
trzjectoire de lancement

Facteur de charge

Centre De Gravité
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1. INTRODUCTION

Ce papier a pour but de présenter les conséquences de la prise
en compte d'un échec du lancement d'ARIANE 5 sur le dinmensionne-
nent du planeur hypersonique HERMES et sur le choix de 1la
trajectoire de lancenment.

Le scénario de lancement d'ARIANE 5 est présenté sur la
figure 1.

Ce papier ne traite que des échecs survenant aprés le largage

des Etages Accélérateurs A& Poudre (EAP) jusqu'd l'allumage du
Module Propulsif d'HERMES (MPH); dans cette phase la propulsion
est assurée par le VULCAIN, noteur de l‘'Etage & Propulsion
Cryvcgénique (EPC).
En cas de panne juste avant l‘'extinction normale de 1'EPC, HERMES
est injectée par le MPH sur une orbite moins énergétique que
prévu. Cette manocuvre, envisagée pour 1'GRBITER, est baptisée
Abort To Orbit (ATO).

L'objectis en cas de panne est de tenter de ramener 1l'avion
sur unc piste d'atterrissage. Malheureusement, pour la plupart
des instants de panne, HERMES ne peut atteindre aucune piste.
L'anerrissage d'HERMES n'étant pas envisagé, la cabine est
separée de 1l'avion en fin de trajectoire de sauvegarde. Elle
assure la 1limitation de la décélération leors de l'impact a un
niveau supportable par 1l'équipage, ainsi que sa survie en wuer.
Dans ce cas l'avion est détruit.

Le niveau des contraintes structurales et thermiques subies
par HERMES lors d'une rentrée en sauvegarde est trés élevé. Ceci
est di & des conditions de rentrée sévéres qui sont dépendantes
de l'instant de panne et de la trajectoire de lancement.

1a preniére partie de ce document présente les trajectoires
de rentrée en sauvegarde d'HERMES et les contraintes associées,
ceci pour une trajectoire de lancement donnée. Les lois de
conpande enployées pour minimiser les charges subies pendant la
rentrée y sont décrites.

Cependant les fortes contraintes rencontrées par HERMES en
sauvegarde nécessitent une action sur la trajectoire de lance-
ment. La seconde partie de ce document mnontre comment la
linitation des contraintes de sauvegarde sur HERMES a été
introduite dans la boucle de définition des trajectoires A'ARIANE
5. La prise en compte de ces limitations par ARIANE 5 se traduit
par une réduction de la masse en orbite de transfert dont il faut
nininiser 1l'effet sur la perte de charge utile d'HERMES.

Les résultats présentés ici ont été obtenus sur la base de
ltavion HERMES 94 (5M2) et de la configuratiorn H150-P230 du
lanceur ARIANE 5. La nission considérée est la mission de base
pour 1le dimensionneuent d'HERMES: c'est une mission LEO (Low
Earth Orbit) correspondant A une orbite d'inclinaison 28,5".
1e site de lancement est KOUROU.
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2., TRAJECTOIRES DE RENTREE D'HERMES EN CAS DE PANNE AU

LANCEMENT

L'objet de cette partie est de décrire 1les trajectoires de
sauvegarde d'HERMES avec les lois de commande qui permettent de
minimiser les contraintes subies par l'avion.

La trajectoire de lancement A'HERMES par ARIANE 5 est supposée
fixée et constitue une entrée de 1'étude. Une trajectoire
d'ARIANE 5 non contrainte par les problémes de sauvegarde a été
choisie comme exemple pour cette présentation.
les cas de panne considérés ici sgont ceux qui nécessitent
1'interruption du lancement, ce qui est rendu inévitable en cas
de perte des capacités propulsives du moteur VULCAIN. Les
instants de panne étudiés vont de 126s (largage des P230) & 585s
(extinction du VULCAIN)}. La panne est supposée n'induire aucune
perturbation sur la position et l'attitude nominales du composite
HERMES+MPH A 1'instant de panne., Les conditions initiales de 1la
trajectoire de sauvegarde d'HERMES (V,Z, ¥ ) sont donc identiques
aux conditions nominales de vol & l'instant de panne.

Cette partie présente successivement les trajectoires d'HERMES
sans propulsion, qui correspondent 4 la séparation d'HERMES seul
sans MPH, puis les trajectoires de sauvegarde avec utilisation du
MPH.

2.1 Cas sans propulsion

L'objectif est de minimiser, pour un instant de panne donné,
les contraintes maximales rencontrées & la ressource. Ces con-
traintes sont de nature mécanique (pression dynamigue, facteur de
charge, moment de charniére des gouvernes) ou thermique.

Cet objectif conduit & pratiquer une rentrée a gite nulle a
1tincidence la plus forte possible pour maximiser la portance, ce
qui permet d'élever au maximum le point de ressource et par 1a de
réduire les contraintes 1liées & la masse volumique. Cette
incidence maximale dépend du nombre de Mach et provient de
diverses limitations, par exemple thermiques, de stabilité aéro-
dynamique ou de braguage des gouvernes.

Cependant 1la ninimisation des contraintes telles que ie
facteur de charge ou les moments de charniére qui dépendent
directement de l'incidence conduit A modifier la loi de commande
A incidence maximale. Dans ce cas, la phase & incidence maximale
est suivie d'une phase dite d'écrétage qui consiste A& réduire
1l'incidence pendant la ressource. Cette manoeuvre est réalisée en
choisissant & chaque instant la valeur de 1'incidence qui permet
de conserver une valeur constante pour la contrainte concernée.
Cette valeur d'écrétage est minimisée en profitant au mieux de la
plage d'incidence autorisée. La limite basse de la plage d'inci-
dence est dle & des limitations thermiques (e.g. sur le pare-
brise) ou de pilotage.

Aprés la ressource hypersonique, les contraintes vont
décroitre. L'objectif va étre alors de rejoindre un profil de
rentrée analogue & celui de la rentrée normale. Ceci peut étre
réalisé par un rebond contrdlé A incidence et gite constantes.

La planche 2 montre un exemple de trajectoire de rentrée en
sauvegarde J'HERMES pour un instant de panne de 250 s. Les
courbes représentées sont 1l'incidence, 1la gite, 1la pem «t les
contraintes de facteur de charge, de moment de charnj¢re flevons
et de température (ici sur les premiéres tuiles d'intrados) en
fonction du temps. L'origine du temps correspond a l'instant de
panne. Le profil de vol est également présenté dans le diagramme
altitude~vitasae avec 1a trajoctcirs de lancement nominale.
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Un échantillon de quelques trajectoires de rentrée en sauve-

garde figure dans le domaine altitude-vitesse sur la planche 3.
Un réseau d'iso-pression dynamique et d'lso-flux y est également
presenté; i1 s'agit ici du flux de référence défini par CQ*
JT*V"3, avec CQ=1.7E-4SI. Ce flux de référence correspond au flux
atteint au point d'arrét d'une sphére de rayon im et donne une
indication sur le niveau des contraintes thermiques.
En situant les points de ressource des trajectoires de sauvegarde
dans ce réseau d'iso-pression dynamique et d'iso-flux, il
apparait que les contraintes structurales sont maximales pour des
instants de panne de l'ordre de 250 s pour lesquels la vitesse
initiale est proche de 3 km/s. Les contraintes thermiques sont
maximales pour des pannes survenant dans la zone des 45¢ s, ce
qui correspond A des vitesses de l'oxdre de 5 & 6 km/s.

POINT HAUT

Ia loi de commande étant maintenant définie, les contraintes

maximales rencontrées ne vont plus dépendre que des conditions
initiales de la trajectoire de sauvegarde, soit (2,V,3).
La position initiale a été prise dans tous les cas & une latitude
nulle et avec une route de 61.5° (inclinaison de l'orbite visée:
28.5'). En effet, pourvu que la relation latitude-route soit
celle correspondant 4 l'orbite choisie, la position du point
initial a une influence négligeable sur 1les trajectoires de
sauvegarde.

Dans l'ensemble de tous les points initiaux (Z,V,'f), il est
possible de définir la relation d'équivalence suivante:

(z1,v1,%1) EQ (22,V2,%2)
si et seulement si
Zal=Za2 et Val=Va2

avec H Za et Va altitude et vitesse de l'apogée de la
trajectoire balistique passant par (2,V,Y¥).

Une classe d'équivalence est donc l'ensemble des conditions
(4,V, ¥) qui proviennent d’un méme apogée qui sera appelé point
haut. C'est aussi 1l'ensemble des conditions (2,V,Y) d'un méme
arc orbital.

Par conséquent toutes les conditions initiales <'une classe
d'équivalence, pourvu qu'elles soient on dehors de l'atmosphére
(ou plus précisémment dans une zone ou les forces aérodynauniques
sont négligeables vis & vis des forces d'inertie), vont conduire
aux mémes contraintes & la rentrée. Ces contraintes peuvent étre
associées au représentant de la classe d'équivalence qui est le
point haut:

(Za,Va) =- contraintes: FC,Moment,températures

Il est alors possible de tracer dans le domaine 2a,Va des
points hauts des iso-contraintes HERMES & la rentrée en sauve-
garde.

Un réseau d'iso-contraintes est représenté sur la planche 4. Il
s'agit d'iso-facteurs de charge, d'iso-moments de charnidre
gouverne et d'iso-températures dans la zone de 1l'intrados avant.
Le décrochement observé sur les I1so-températures d'intrados
traduit la discontinuité des températures au passage de la
transition laminaire~-turbulent. La remontée rapide des iso-
températures correspond & des points de ressource Vvenant
tangenter 1la limite de transition. Pour les vitesses les plus
fortes, 1l'iso-contrainte est obtenue pour des altitudes 2Za trés
élevées car la ressource a lieu en écoulement laminaire.

Le réseau présenté sur la planche 4 montre que Jeo nlvean deog
contralntes maximales croit rapidement avec l'altitude du point
haut.
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2.2 Cas avec propulsion

I1 est intéressant d'utiliser le MPH d'HERMES pour réduire
les contraintes subies & la rentrée en sauvegarde.
Cette réduction des contraintes est obtenue en remontant 1ltalti-
tude du point de ressource par une utilisation adéquate de 1la
poussée disponible.

Les conditions d'utilisation du module propulsif sont cepen-
dant limitées par 1'instabilité aérodynamicque du composite. Cette
instabilité rend nécessaire la séparation d'HERMES du MPH dés que
la pression dynamique atteint un seuil critique qui a été pris
égal A& 20 hPa pour la configuration décrite dans ce document.

Le point haut est invariant sur une trajectoire balistique
sans propulsion. L'introduction d'une poussdée va modifier a
chague instant le vecteur vitesse et donc déplacer le point haut
associé au point de vol considéré.
Pendant toute la phase propulsée l'orientation de la poussée a
été supposée libre de toute contrainte. Cette orientation (qui
correspond A 1l'assiette A'HERMES) est déterminée de fagon &
déplacer, pour un point de vol donné, le point haut correspondant
perpendiculairement aux iso-contraintes dans le domaine 2a,Va.
L'assiette optimale de poussée, i, est alors définie par:

Ra+d*Va
tg(i)=Vvx (1)
d*(Va*thﬂ*R/Ra‘Z)-Va*R+Ra*Vh

avec (1,d) : direction de la tangente aux iso-contraintes
au point (Za,va)

Za,Va : point haut associé au point de vol
Ra :  Zatrayon terrestre

R :  altitude+rayon terrestre

vh : composante horizontale de la vitesse
v :  composante verticale de la vitesse

A constante gravitationnelle géocentrique

On peut vérifier par (1) que le signe de i est donné par Vv.
La 1loi de commande obtenue consiste donc & pousser vers le bas
tant que la pente est positive, et vers le haut dés que la pente
est négative. Un exemple de trajectoire de sauvegarde avec MPH
est présenté sur la planche 5. Le MPH considéré ici est un LS,
étage utilisant deux moteurs de 30 kN et chargé & 6t d'ergols.
Les contraintes maximales sont réduites par rapport au cas sans
propulsion. Elles sont présentées en fonction de 1l'instant de
panne sur la planche 6.

Elles sont cependant trés supérieures aux contraintes en
rentrée normale et aux limites acceptaples pour la sauvegarde.
La réduction des contraintes rencontrées en sauvegarde peut étre
obtenue par une modification de la trajectoire de lancement. Ceci
fait l'objet de la seconde partie de cette présentation.
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3. CONSEQUENCES S8UR LA TRAJECTOIRE DE LANCEMENT D'ARIANE 5

Dans le processus de dimensionnement en sauvegarde d'HERMES,
la trajectoire de lancement a une importance essentielle.
Cependant 1a modification de la trajectoire J4'ARIANE 5 pour
réduire les contraintes atteintes en sauvegarde s'accompagne
d'une désoptimisation de cette trajectoire, c¢e qui conduit a une
réduction de la charge utile au lancement.

Il faut donc envisager une solution globale du probléme de la
sauvegarde d'HERMES qui nécessite de nombreuses itérations de
calcul de trajectoires d'HERMES et d'ARIANE 5.

Dans le but de réduire le temps nécessaire & ce processus
itératif, un interface entre les trajectoires d'HERMES et celles
A'ARTANE 5 a été défini sous la forme de gabarits.

L2 description de ces gabarits dans les cas sans ou avec

propulsion ainsi que lfoptimisation de la charge utile globale
font l'objet de cette seconde partie.

3.1 cas sans propulsion

Les 1iso-contraintes présentées dans le domaine des points
hauts (Z2a,Va) associées A des limites sur les contraintes HERMES
pour la sauvegarde, permettent de définir un domaine de points
(za,Va) qui respecte ces contraintes limites.

La limite haute de ce domaine est appelée gabarit.

Ce gabarit de contraintes HERMES est directement utilisable
pour la détermination des trajectoires d'ARIANE 5. Il permet de
vérifier immédiatement si une trajectoire de lancement satisfait
ou non les contraintes maximales imposées & 1la rentrée en
sauvegarde d'HERMES.

Pour cela il suffit d'associer & chaque point de la trajec-
toire d'ARIANE 5 le point haut correspondant et de situer le lieu
des points hauts de la trajectoire de lancement dans le gabarit
HERMES. Les contraintes seront respectées si les points hauts
assoc1és A la trajectoire de lancement sont en dessous du gabarit
de sauvegarde. La trajectoire représentée sur la planche 7, qui
dépasse le gabarit HERMES, conduit donc en sauvegarde sans MPH, &
des niveaux de contraintes inacceptables pour HERMES.

3.2 Cas avec propulsion

pans le cas ou le MPH d'HERMES est wutilisé pour les
trajectoires de sauvegarde, la simplification employée dans le
probléme sans propulsion n'est plus applicable.
En effet deux points de vol de la méme classe d'équivalence (pour
la relation d'équivalence définie au $ 2.1) ne conduisent plus au
méme niveau de contraintes, ceci parce que la propulsion ne
s'appliquera pas durant la méme durée dans les deux cas et donc
ne modifiera pas la trajectoire de la méme fagon.

Dans ce cas la notion de point haut n'est plus utilisable.
Cependant des gabarits de contraintes HERMES peuvent encore étre
défin%s en se plagant dans le domaine des conditions initiales
(2,v,8).

L'utilisation de ce type de gabarit est la suivante :
pour une trajectoire de lancement donnée, 1la limite d'altitude
pour une vitesse V est fournie par le gabarit HERMES avec la
pente de la trajectoire de lancement & cette vitesse.
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La figure 8 présente le gabarit des contraintes pour HERMES

avec un MPH L4 (le L4 est un étage utilisant 2 moteurs de 20 kN
et chargé A 4 t d'ergols). Le fait de disposer d'un module
propulsif permet A HERMES de réduire les charges subies & 1la
rentrée en sauvegarde et donc de rellcher le gabarit des
contraintes.
Les courbes d'iso-flux de référence qui figurent sur ce gabarit
donnent une indication sur les contraintes thermiques subies par
le composite ARIANE 5-HERMES lors du lancement. La trajectoire
d'ARIANE 5 devra se situer au dessus de l'iso-flux admis pour 1le
lancement.

La figure 9 présente le gabarit des contraintes dans le cas
d'un MPH L6. Ainsi que l'on pouvait s'y attendre, le gabarit
de 1la configuration L6 est moiis contraignant que celul de 1la
configuration L4, et & plus forte raison que celui sans module
propulsif.

En plus de cet effet favorable sur le gabarit de sauvegarde
HERMES, 1le L6 permet, & iso-performance et & iso-contraintes
lanceur (e.g. probléme de retombée de l'étage EPC), et hors
probléme de sauvegarde d'HERMES, de faire descendre la trajec-
toire de lancement.

Ces considérations ont conduit & retenir le L6 pour 1la
propulsion d'HERMES dans la configuration SM2.

La planche 10 présente une trajectoire de lancement L6 qui
respecte le gabarit HERMES. Les contraintes de sauvegarde
associées A& cette trajectoire figurent sur ia planche 11 et
respectent bien les limites acceptables pour la sauvegarde
d'HERMES.

3.3 Compromis entre la performance et les contraintes HERMES

Nous avons jusqu'a présent raisonné & contraintes avion
fixées. La trajectoire de lancement peut étre modifiée de fagon &
respecter les contraintes acceptables pour 1la sauvegarde
d'HERMES, mais ceci au prix d'une perte de performance.

Cependant le niveau des contraintes acceptables par HERMES
en sauvegarde peut étre augmenté tant que des butées de
faisabilité ne sont pas rencontrées.

Il faut donc traiter un probléme dtoptimisation global de la
charge utile. En effet si l'on reldche les contraintes sur la
trajectoire de lancement dles A HERMES, la réoptimisation de 1la
trajectoire va conduire A& un gain de performance du lanceur, mais
1'augmentation des charges sur HERMES va exiger un accroissement
de la masse de l'avion.

Ce probléme d'optimisation de masse sous contraintes peut
étre simplifié et paramétré par rapport au point de culmination
de la trajectolre de lancement.

A titre d'illustration, 1la figure 12 donne lt!'évolution de

la perte de performance du lanceur en fonction de cette altitude
de culmination.
Lorsque 1l'altitude de culmination crofit, 1la masse de 1l'avion
compatible des contraintes de sauvegarde et la performance du
lanceur augmentent. L'écart entre ces deux grandeurs représente
le gain de charge utile embarquée par HERMES, qui est maximisée
pour une culmination proche de 125 km.
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4, CONCLUSION

Ce papier présente la méthode originale qui a é&té employée
pour optimiser globalement la configuration ARIANE S-HERMES pour
la trajectoire de lancement, ceci du point de vue de 1la
maximisation de la charge utile et compte tenu des contraintes
imposées rar la sauvegarde d'HERMES.

Ce processus a conduit A une trajectoire de lancement de
référence pour la mission LEO HERMES. Cette étude a été réalisée
sur la base de l'avion HERMES 94 (5M2) et est effectuée a
nouveau sur la base de la configuration 00.

Plus généralement cette méthodologie est applicable A 1la
définition de 1la trajectoire de lancement optimale de tout

véhjcule spatial habité posant le probléme de la sauvegarde de
1'équipage.

5. PLANCHES

LISTE DES PLANCHES

1. Scénario de lancement

2. Trajectoire de sauvegarde sans propulsion pour une
panne & 250 s
3. Trajectoires de sauvegarde dans le domaine altitude-vitesse
4. Iso-contraintes HERMES dans le domaine des points hauts
5. Trajectoire de sauvegarde avec propulsion
6. Evolution des contraintes maximales en fonction de

1'instant de panne

7. Exemple de trajectoire A'ARIANE 5 dans le gabarit
HERMES sans propulsion

8. Gabarit L4

9. Gabarit LG

10. Gabarit associé & une trajectoire de lancement Lé

11. Contraintes maximales fonction de 1'instant de panne

12. Perte de performance en fonction de l'altitude de
culmination
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Thomas H. Payne, member cf technical staff
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SUMMARY

The Space Shuttle fhght control system (FCS) is a digital fly-by-wire system that provides vehicle stability, response, and
handling qualitics necessary to return safely from orbit, ending with a pinpomt Janding on a 300-by-15,000-foot (90-by-4,600-
meter) runway. Furthermore, on its first flight, 1t had to fly successfully the entire envelope—manned Thus, the FCS was sub-
jected 10 one of the most extensive programs of certification by analysis and simulation ever conducted.

Thus paper starts with an overview of the entry and landing FCS along with the requirements and considerations used in the
design process. The next section addresses the network of simulation programs used in the FCS design and verification. The final
sections present the flight test results and the current issues related to landing and roll-out.

SYMBOLS

A/A Acceleromieter assembly

A/L Approach/landing

ADTA  Air data transducer assembly

ALDF  Aircraft Landing Dynamics Faciny (NASA Langley Research Center)
Alpha  Angle of attack

CCs Control stick steering

DAP Dagital autopilot

DOF Degree of freedom

FCS Flight control system

FO/FS  Fail operational/fail safe

FSL Flight Systems Laboratory

FSSR Functional Subsystem Software Requirements
GPC General-purpose computer

HAC Heading alignment cone

JsC Johnson Space Center

KSC Kennedy Space Center

L/D Lift-to-drag ratio

L/R Landing/roll-out

LVAR Lateral variation uncertanty

MDM  Multiplexer/demultiplexer (software/hardware interface)
MIL Man n the loop

NWS Nose wheel steering

OFT Orbital flight test program

[e]} Operational increment
PIO Pilot-induced oscillation
PRL Priority rate limiter

PTi Programmed test input
RCS Reaction control system
RGA Rate gyro assembly

RM Redundancy management

SAIL Shuttle Avionics Integration Laboratory (NASA Johnson Space Center)
SES Shuttle Engincering Simulator (NASA Johnson Space Center)

STS Space Transportation System (Space Shuttle)

T.F§ Total In-Flight Simulator

vMmS Vertical Motion Simulator

WOW  Weight on wheels

INTRODUCTION

For the new generation of spaceplanes, such as the Space Shuttle, flight regimes extend beyond wind tunnel capabilitics and
flight testing 1s limited. Therefore, simulators offer a viable means to achieve robust designs while reducing risks.

Umique features of the Shuttle program demanded a robust, descent-phase FCS verificd prior to flight test. First, the Shuttle
orbiter 1s a hybrid spacecraft/ aircraft, using pure reaction control cffectors in exoatmospheric flight and conventional aircraft
surfaces 1n subsonic approach/landing, with a blend of the two in hypersonic and supersonic flight. Second, the lack of an aero-
dynamic data base for much of this vast flight regime required heavy dependence on wind tunnel testing. The difficulties in
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maltching smulitude parameters imposed large uncertainties on the resulting acrodynamic data base, particularly regarding the
reaction control system (RCS) and acrodynamic interactions. Finally, the first flight had to cover the entire flight regime: the pro-
gram denied the luxury of starting at bergn flight phases with the customary gradual extension of fhght envelope. Siace the

vehicle lached sufficient static margin for unaugmented control, the FCS had to work properly the first time with sufficient
robustness to handle large uncertainties.

DESIGN REQUIREMENTS

The basic guideline used during design and verification can be summarized as follows: mamntain acceptable nonunal stabil-
ity, response, and handling qualities while providing maximum coverage for off-nonunal acrodynamics, environmental condi-

tions (atmosphere, mass propertics, trajectory dispersions, winds), navigation errors, sensor/effector uncertainties, and uncer-
tamties in structural characteristics (modal frequency, mode shape, damping).

Specifical'y, the flight control requirements are classified in three basic performance levels designated as Level 1, Level 2,
and design assessment (Figure 1). Each is defined below:

¢ Level I performance
Stability
Gainmargin = >6dB
Phase margin = > 30 degrees
Pilot rating (Cooper Harper): 3 or better
Step response within specified envelopes

¢ Level 2 performance
Stabihty
Gamn margm = >4 dB
Phase margin = > 20 degrees
Pilot rating: 6 or better
Large-signal operation stable

* Design assessment
Performance 1s such that there is no loss of vchicle control.

These requirements must be maintamed under the following conditions:

* Winds
Steady state, up to 99-pereentile directional (worst month)
Discrete gust
Turbulence
Wind shear

* Aumosphere (annual extremes)
Density
Temperature

2 Acrodynamic uncertainties
Lift-to-drag ratio (L/D) plus pitching moment coefficient
Stability derivatives
Reaction control system/acrodynamic imteraction

» Bent airframe/Ycg offsets

¢ Failures—fail operational/fail safe (FO/FS)
One failure:  Level I performance except for loss of air data (Level 2)

Two failures: Level 2 performance except for the loss of two RCS jets (Level 1) or of two auxiliary power units
(design assessment)

Similar requirements apply to the stability of the structural modes, as summanzed in Figure 1.

OVERVIEW OF THE DIGITAL AUTOPILOT

Satisfying these requirements would produce a robust design. This goal was achieved through carefui consideratic.  f the
subsystem off-nominai performances and the aerodynamic uncertainties.

Mission Prohile

During entry, atmospheric drag is used to dissipate the orbiter’s energy. An angle-of-attack (alpha) profile, scheduled as a
function of carth-relative velocity, 1s flown and rolf angle is used to control encrgy dissipation. The cross range 1s controlled by
alternating the sign of the roll commands. Typical alpha, roll angle, and drag profiles arc shown n Figure 2. The orbiter 15
steered to intercept either of the two heading alignment cones (HHAC') located tangent to and on cither side of the runway cen-
terhne. The approach/landing (A/L) phase normally occurs at 10,000 feet (3 kilometars) in altitude and 290 knots (150 mciers
per second) equivalent airspeed (KEAS), when the orbiter acquires the 19-degree steep glide slope; the transition to a 1.5-degree
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nner glide slope is made at 2,000 feet (610 meters) above ground. Nominal touchdown is at 2,500 fect (760 meters) past runway
.reshold at 195 KEAS (100 meters per second). After touchdown, directional control is achieved by a combination of rudder,
nose wheel steering, and differential braking.

Flight Centrol

The digital autopilot (DAP) has both manual (with stability augmentation) and automatic flight control modes. All inner-
loop flight-critical functions (e.g., rate damping and stability augmentation) are computed at the fast minor-cycle rate of 25 Hz,
Other less critical computations, such as updating gain schedules, are done at slower rates.

The control effectors consist of aerodynamic surfaces and aft-mounted reaction control jets (Figure 3). The four elevons are
moved symmetrically for elevator and antisymmetrically for aileron cont. l. The rudder panels split open for speed brake func-
tions. The primary aerosurfaces are driven by three independent hydraulic systems—one active and two standby. A software rate
and authority limit function is used to maintain the commanded surface rates within the capability of the hydraulic system. The
uttlizaticn of the control effectors during entry is illustrated in Figuie 3.

Figure 4 shows an overview of the entry FCS. The quad-redundant system architecture ensures compliance with the FO/FS
requirement. Four general-purpose computers (GPC’s) operate in a parallel redundant set, and the fifth acts as a backup reserve
in case of a generic software failure of the primary redundant set. The FCS sensors consist of four sets of rate gyro assemblies
(RGA set = pitch, roll, yaw rates), four sets of accelerometer assemblies (AA set = lateral, normal accelerations), and two air
data transducer assemblies (ADTA's) with two probes on cach. The software redundancy management (RM) system has failure
detection logic to 1dentify and remove faulty signals, and a selection filter to send the “best” sensor estimate to the FCS. The
effector systems have a similar level of redundancy (e.g., force-summing aerosurface secondary actuators, jet selection logic, and
reaction-jet-driven assemblies).

Acrodynamic Uncertainties

Acrodynamic uncertainties played an important role in the design of the FCS. A set of scven “worst case” uncertainties,
called lateral vanations (LVAR'), was developed on the basis of wind-tunncl-to-flight-test differences from past aircraft pro-
grams and used to certify the FCS. They represented a reasonable estimate of the maximum possible errors in the prefhght pre-
dictions (Figure 5):

LVAR 2: poor bank-angle contro}

LVAR 9: poor lateral/directional damping
LVAR {1: worst case aileron control

LVAR 12:  best-on-best aileron control

LVAR 19: maximum ailcron control for Ycg trin
LVAR 20: maximum RCS required for Ycg trim
LVAR 23:  maximum beta during heating region

The sensitivity of flight control performance to aerodynamic uncertainties is illustrated in Figure 6, in which the progressive
destabihzing effect of LVAR 9 is evident. The system damping ratio of 0.82 with nominal acrodynamics is drastically reduced by
the partials of CIA (rolling moment caused by aileror, Increments 5 to 6) and CIYJ (rolling moment caused by yaw j=t, Incre-
ments 11 to 12), forcing a well-behaved sysiem to be slightly unstable (damping ratio less than zero). The FCS sensitivity to off-
nomimnal acrodynamics 1s further aggravated by the acrodynamic sensitivity to angle of attack, as shown m Figure 7, i which
coalignment of the vectors is evident.

While RCS effectiveness in a vacuum was well defined, there were large uncertainties in the effect of the interaction between
the flow from the jets and the normal airflow around the orbiter. These RCS uncertainties were combined with the LVAR's to
further stress the FCS design. The general technmique was to combine very effective jets with hugh-gain acrodynamic conditions
and less effective jets with low effective acrodynamic surfaces.

The pitch-axis acrodynamic uncertainties received similar attention; but since they are more benign than those in the lateral
axes, they are not discussed in this paper.

DESIGN AND VERIFICATION BY SIMULATION

The inability to conduct a normal progression of flight tests requires the FCS to be designed and verificd extensively by anal-
ysis and simulation. Three basic approaches are used in the design process: (1) classical linear stability analysis with describing
funcuons representing key nonlincar clements, (2) nonhnear time-domain analysis, and (3) man-in-the-loop (MIL) simulation. In
addition, extensive integrated hardware/software MIL testing is performed to verify system readiness for flight.

The Use of Simulation

The simulation programs differ in complexity but complement each other. A design normaily starts in the frequency
domain: the cuheystem dynamics are modeied s Hivar iransfer functions, the airtrame dynamics are linearized at a flight condi-
tion, and the system transport delays and sampling effects are properly included. The t10tal system sensitwvities to acrodynamic
variations, subsystem off-nominal performances, vehicle dynamic uncertainties, and feedback variables arc established 1n terms
of stability margins. Then analyscs using off-line time-domain simulation programs follow, cmploying a more accurate represen-
taticn of the nonlinear characteristics of the eiements of the system, such as acrosurface and RCS cffectors. The FCS design is
assessed along the trajectories flown while sub,ected to environment changes and even subsystem failures, These time-domain

analyses offer limited cvaluation of the system margins but provide excellent assessment of the system performance,
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The MIL digital engineering simulators are the neat facities used to evaluate the design for man/machine/mission compati-
bility. The math models used are normally of the same fidelity as the off-line simulation programs, but here the challenge 1s to
represent the system timing delays accurately while maintaining the correct system dynamics. The inherent delays in the real-tim~
simulators that generate visual displays or produce the motion cues have to be compensated for; otherwise, the pilot ratings suf-
fer. Delays caused by the effects of sampled-data system feedbacks also have 1o be adjusted for. Usually, a combination of special
integration techmques to mtroduce phase lead mto the system along with the reduction of known orbuter flight systems delays 15
employed to offset the sunulator Iags. The possible subsystem failures also must be modeled to assess the pilot’s responscs.

The design process is always an terative one among the frequency domam, off-line tine domain, and real-time MIL; confi-
dence in the design is progressively built by evaluation from different viewpowmts. However, to gain confidence for flight, an inte-
grated MIL simulator 1s needed that brings together all the hardware/avionics subsystems, the flight software, and the astro-
nauts. Here, the software and the interfaces can be thoroughly cheched ont. The redundancy management scheme 1s verified
through the facility’s ability to simulate any combination of subsystem failures and/or off-nominal performances. When it 15
impracticel to include the actual hardware, a high-fidelity model is substituted and the venfication efforts are supplemented with
testing at the Kennedy Space Center (KSC) or the manufacturers’ facilities. The crew chechlist and procedures are also verified
for nominal missions, aborts, or failure recoverics.

Common to all the simulation programs and facihitics 1s the extensive acrodynamics data base. It ranges from Mach 0.25 to
an altitude of 600,000 feet (183 kilometers), an alpha of -10 to 50 degrees, and sideslip of up to =+ 10 degrees, providing more
than adequate coverage of the flight envelopes and ensuring that drastic pilot maneuvers will not invahidate the results.

Key Simulation Programs and Facilitics

Linear Stability Analysis Programs (CRAM, DIGIKON). CRAM and DIGIKON computer programs arc hincarized three-
degree-of-freedom (DOF) point-stability tools used to assess ngrd-body as well as flexible stability margins

CRAM ;olves sumultaneous linear equations m the S-plane and denves transfer functions, root loci, frequency response,
and step-response solutions The system’s transport lugs and sampling effects are modeled with second-order Padé approxuma-
uons. DIGIKON solves state-variable equations in the Z- and W-planes. It also denves transfer functions, frequency response,
and step-response solutions, and accurately simulates multirate sampling and transport Jags. Because the two programs produce

matching results over the frequency range of interest, they serve as a good cross check of each other, DIGIKON is further used n
the assessment of Hex stabilty and the design of bending filtets.

Non-Real-Time Simulation Programs (SDAP, SIMEX, SDAPFLEX, SIMFLEX). These nonhnear tme-domain sunulatron
programs vaty m complexity—from a relatively simple point-response tool (SIMEX) to a complex six-degree-of-frecdom trajec
tory program (SDAP) complete with emulations of flight software, sensors, nonhnear effectors, earth motion, gravitational and
atmospheric environment. SDAPFLEX and SIMFLEX are used to analyze integrated orbiter/payload flexures and their poten-

* effects on RCS consumption. All of these non-real-time programs are extremely useful for parametric and sensitvity studies

well as anomaly resolution. They are vahdated not only agamst each other but also by comparison with stability predictions
ade by CRAM and DIGIKON.

MIL Engineering Simulators (SES, VMS, TIFS). MIL engincering simulators are absolutely necessary m the design process
to ensure man/machme/mission compatibility and to assess flying and handling qualities. The fixed-base Shuttle Engincering
Simulator (SES) at NASA JSC has a cockpit mockup with digitally generated visuals of the commander’s forward view. This
user-friendly and readily available tool can be operated by one person without compromising the quahty of the results. Normally

the first facikity employed to obtam pilot comments on a new design, it plays an important part m many software changes affect-
ing vehicle performance and safety.

The Vertical Motion Simulator (VMS) at NASA Ames Research Center is a motion-based, six-DOF facility (Figure 8). The
sunulator cabin is fitted to rephicate the orbiter, with seats in the commander and pilot positions, hand controllers and pedals,
critical instrument displays (including the head-up display), and switches. The cabm has forward and corner windows with high-
resolution, computer-generated visual scenes. Motion limits are 330 feet (9.1 mcters) verticatly, + 20 feet (6.1 meters) laterally,
and +4 feet (1.2 meters) longitudinally. In addition, pitch, roll, and yaw actuators provide the three rotational degrees of free-
dom. Maximum simulated accelerations approach 2/3 g verucally and 1/2 g horizontally The valuable motion cues produced by
thus simulator greatly in{luence the assessment of the approach, landing, and roll-out phases. The pilot’s quicker reaction to the
motion feedback sometunes leads to loss of vehicle control if the gam of the control effector 1s too lugh (e.g., the nose wheel
steenng), which might not be the case if the test is conducted in the SES,

The U.S, Aiir Force’s Total In-Flight Simulator (T1FS) 1s a test sunulator used solely (i the Shuttle program) (o evaluate the
approach/landing phase. It1s a highly modified C-131 aircraft with an evaluation cockpit in addition to the normat C-131 cock-
pit manned by safety pilots. The simulation pilot’s control commands are input to the model’s computer, which calculates the
orbiter response to be reproduced. These responses, along with TIFS motion sensor signals, are used to generate feed-forward
and response-error signals that drive the six TIFS effectors (clevator, aileron, rudder, throttle, direct-lift flaps, and dircct side-

force surfaces). The result is a high-fidelity reproduction of the motion and visual cues at the pilot position. Figure 9 is an tllustra-
tion of TIFS.

MIL Verification Simulators (FSL, SAIL). The Flight Systems Laboratory {(FSL), located in Downey, California, was used
to verify entry avionics/software integrated performanes nntit 1024, when that fundiion was transterred to NASA's Shuttle Avi-
onics Integranton Laboratory (SAIL) in Houston, Texas. The Downey facility was a multistation laboratory that permitted
simultaneous studics from simple end-to-end checks of the flight software to mission verification tests using the full six DOF with
MIL. The laboratory used a mockup of the orbiter cockpit and contained flight instruments and controls necessary for pilot
evaluation of system performance. Actual avionics {light hardware included the GPC’s, multiplexer/demultiplexers (MDM?),
FCS sensors, display electronics, and pitot controls and flight instruments. A model board for visual scene projection was avail-
able at the commandcr’s window for A/L tasks. Digital computers simulated vehicle dynamics and environment, aad allowed
test engineers to insert {ailures. Analog computers were used to model acrosurface actuators, hinge moments, and turbulence,
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The FSL could also be connected with the full-scale model of the orbiter hydraulic system, located next door in the Fhight Control
Hydraulics Laboratory, to assess performance of the hydraulic actuators

SAIL, equipped with a full shipset of fhght avionics hardware, is used to perform venfication tests of all mussion phases
from ascent through entiy. As in the FSL, digital computers simulate vehicle dynamics, the vehicle states acting as stimuh to drive
hardware (or software-modeled) sensors and test sets. SAIL has no hardware actuators and hmited capability to troubleshoot
software within the GPC’s. Figure 10 is a functional block diagram of the facility

Site Acceptance Tests

A process called site acceptance, or validation, ensures that all tools used in FCS design, analysis, and venfication produce
accurate and similar results. A series of static, dynanic, and integrated performance tests is conducted. The static tests (acrody-
namic slices, effector step and frequency responses, sensors, ctc.) verify that the unit models by themselves are correctly imple-
mented. The dynamuc tests (bare-airframe frequency and step responses, FCS open-loop frequency responses, closed-loop step
responses, gamn margins, navigation drift check) provide further detailed verification of the integrated system dynamucs and the
models’ interfaces The integrated performance tests, also called common facility tests, consist of sis-DOF trajectories selected to
demonstrate integrated system performance. The site acceptance signature data are obtained from other validated simulators.

Tool validation is a continuing process, conducted cach time a major data base, contro! system, or model i1s updated. The
availability of independent and validated simulators ensures the quality of the results and heips avoid setup problems.

Verification Process

The scope of the venfication process is to validate FCS stability margins and m-fhight performance aganst the previously
stated design requirements, The venfication process starts with the Functional Subsystem Software Requirements (FSSR) docu-
ments, which contain the requirements for the software to be coded by IBM. Point-stability analyses using CRAM/DIGIKON
are performed for selected test conditions of the flight envelopes created by Monte Carlo runs with vanations in winds, L, D
uncertainties, and atmosphercs. Analyses using non-real-time simulation programs supplement closed-loop performance verifi-
cation at SAIL The majonty of SAIL testing fails mto two categorics: verification of Ol (operational increment) software
release and verification of mission-specific software for every fhght. New Ol software, released about every 6 months, incorpo-
rates changes resulting from safety concerns, performance improvement, system management, and software memory scrubs.
For each set of OI software, a matrix of integiated performance tests is desigied to vahdate correct implementation of the
changes and their compatibility with existing software/hardware requirements. A generic test matrix used for cach musston covers
nussion specific flight conditions (¢.g., mass propertics, atmospheiic conditivny, landing site) (o demonstrate system readiness
for flight. Testing also includes all the abort modes.

Supplementing system performance verification is the vehicle/subsystem interface chechout at Palmdale, California, and
KSC in Florida. Astronaut training 1s done in the Shuttle Training Aircraft and the Shuttle Mission Stmulator.

FLIGHT TEST DEVELOPMENT

The first four orbiter missions constituted the orbital flight test (OFT) program, and subsequent fhghts were considered
operational flights, This definition was more programmatic than an actual reflection of testing status in that testing continued
into the “operational cra” and payloads were carried during OFT. To date, more than 30 successful missions have been flown.
The success of these missions is made possible by the robustness of the design, the abihty of the system to overcome multiple
hardware failures, and the extensive verification efforts by simulation.

OFT Flights

The OFT flights performed nominally, as evidenced in the comparison plots of the roll reversals between STS-1 and FSL-
predicted time response (Figure 11). Good agreements are seen during the initial response with auto engaged until the planned
manual takeover occurs. A guidance phase change from equilibrium gitde to constant drag occurred only 13 seconds carhier than
predicted. From this first mission, only four anomalies were noted, two of which demonstrate the robustness of the FCS.

A low-frequency, high-amplitude latera! oscillation seen during the first roll maneuver was attributed to yaw jet acrody-
namic interaction (Figure 12). In the low dynamic pressure region, the roll caused by yaw jet firing was found to be less than pre-
dicted, at about the variation level of uncertainty. This problem showed the wisdom of designing the FCS to handle large acrody-
namic uncertaintics. A software fix adding a filter on the sideshp-angle feedback was implemented on $TS-5. Stability analyses
predicted this low stability margin in the automatic but not in the manual control stick steering (CSS) mode, consequently, later
flights were flown 1n CSS through the figst roll maneuver with good response untit the fix was implemented.

An undamped, low-amplitude 1/4-Hz oscillation in the Mach 2 to I region was seen on every flight (Figure 13). This anom-
aly resulted in restrictions of the allowable X-axis center of gravity for several years. Subsequent flight test data indicated lower-
than-predicted aileron roll effectiveness (near the variation level) and higher rudder roll effectivencss with small surface deflec-
tions, which approached nomunai cifectiveness with larger surface motions. A software change was mcorporated on STS-13 to
increase the aileron forward-loop gain and reduce the iateral acceleration feedback gain in the rudder loop in this transonic
region. Agait:, this anomaly illustrates the necessity to include uncertainties in FCS design.

Operational Flights

Flight testing continues in the operational era to support anomaly resolution and FCS enhancements, and to ¢xpand the
center-of-gravity envelope. Beginning with the STS-5 mission, a programmed test input (PTI) logic wa, implemented m which
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specific commands are preprogrammed to pulse the control effectors at a predesignated flight condition to garner acrodynamic

data. The PTI logic significantly reduces the pilot’s wozk load and facilitates the data reduction task of separating out the effec-
tiveness of vanous control effectors.

The results of the operational flight tests have allowed quite a few FCS enhaicements: e.g., pitch RCS usage was extended
from Qbar = 20 to 40 psf (957.6 10 1,915.2 N/m2) to improve the pitch-anis low-frequency gain margin (STS-41B); the rudder
activation point was moved up from Mach = 3.5 to Mach = 4.2 (STS-51F) and subsequently to Mach = § (ST5-26) because it
was found to be effective carler than predicted, thus elinunating the lateral trim problem mn this regton; the CSS no-yaw-jet
downmoding system was certified for emergency use (STS-26).

LANDING/ROLL-OUT (L./R) UPGRADES

Bachground and Issues

Many issucs remain in the L/R phase. A combination of factors, including the lack of a taxi test progtam, the mcrease in
vehicle gross werghts, and the orbiter’s high-speed landing, has shown the L/R subsystem design to be very marginal. The ongi-
nal design called for rudder and differential braking as the primary mode of control, the nose wheel steering (NWS) serving as
backup. This decision resulted in reluctance to use the NWS at all because of uncertamntes in the nonredundant system and the
potentially disastrous effects of a hardover nose wheel. Other program concerns in the area of L/R include severe tire wear in
KSC landings beeause of the “corduroy” runway surface, brake energy margms for igh-cross-wind and/or short-field landings
(abort runways), and orbiter controllability in the presence of cross wind and/or tire fallure

Simulations and Test Programs

Since 1983, the VMS has been used extensively as a substitute for a tan test program in assessing L/R characteristics and
potential improvements. Supporting this effort are testing programs at the NASA Langley Aurcraft Landing Dynamucs Facility
(ALDI’) and the Wright-Patterson Air Force Base dynamometer facility to garner landing gear, brake, tire, and tire failure fric-
tional characteristics. The VMS features realistic motion and visual cues and the highest fidelity landing dynamic models. Topics
studied include improvements in handling qualities and flying techpiques, evaluation of DAP changes to enhance ground direc-
tional control, and feasibility of hardware modifications to reduce tire wear, lessen chance of tire failure, and mcrease braking

capability. The simulator also serves as a realistic training ground for orbiter pilots to practice cross-wind landing and failure
recovery,

As aresult of the many simulations conducted, the following upgrades bave either been implemented or approved for umple-
mentation (Figurs 14):

NWS Improvements. In the STS-51D landing at KSC, the orbiter suffered a tire biowout near the end of roll-out. Overheat-
ing of the brakes because of the need for differential braking was identified as the major cause. This incident demonstrated the
nced for an operational NWS system, since the current mode of operation lached sufficient authonty to control a high-speed
blowout A two-phase approach was authorized in which the system would be made faii-safe (fail to castor) for immediate imple-
mentation and an FO/FS system would be developed for future usc,

The original NWS had three selectable modes: manual direct (the pedal commands went directly to the steer box), castor,
and GPC (the pedal commands went through the GPC’s). The NWS was operated by a single power source and single hydraulic
system The steer box accepted commands from a single GPC, making it susceptible to hardover talure that could result in loss
of control of the orbiter. In addition, both steering modes were (oo sensitive at high speed.

To achieve the Phase | objective, several changes were authorized. A software logic detects hardover faflures i the GPC
mode by using nformation from the new triplex position feedbacks: a fault is declared if the nose wheel is not moving in the cor-
rect direction or if it 1s moving 100 slowly and would t«p the system to castor. To reduce steering sensitivity at high speed, the

GPC mode was augmented with lateral acceleration feedback and the direct-mode command transducer was changed from hinear
to parabolic shaping.

The Phase 1 activitics allowed an increase in cross-wind capability from 7 to 12 knots (3.6 to 6.2 meters per second), and
eventmally to 15 knots (7.7 meters per second). The system was flight-tested on STS-61A with very good results.

Phase 2, which is nearing completion, will provide redundancy in the command path, the power sources, and the hydraulic

system. The unaugmented direct mode will be deleted because of its sensitivity at high speed and replaced by a second GPC mode
similar to the first one.

KSC Runway. Because of unpredictable weather at the KSC landing site, the runway 1s grooved both laterally and longitudi-
nally for good drainage. This surface has good frictional characteristics whether dry or wet, However, it also causes excessive tire
wear, especially at spin-up, which could Iead to tire blowout. Tests at Langley's ALDF and at Ames’ VMS showed that grinding
the first 3,500-foot (1 J067-meter) touchdown zones at buth ends of the runway can sienificantly reduce tice wear eanced by spin.

up wittiv thaitwaining good fnicuonal charactensucs duning roll-out. The gninding of the KSC runway was completed in April
of 1988.

Drag Chute. It became apparent during numerous VMS simulautons that the addition of a drag chute sigmficantly improves
margins, both in stopping distance and directional control, for the landing and deccleration subsystems, The drag chute allows
the orbiter (o stop safely on short abort runways, even with Ingh gross vehscle weights, Furthermore, it stabilizes the vehicle
chrectionally and drastically improves lateral control during recovery from a tire failure. Because of its attach poiat, the drag
chute induces a pirch-up moment, forcing the elevator down for trim und, in the process, reducing the man gear foads (lessening
the chance of tire failure) and incrasing longitudinal control authority during derotation. Recognizing 1ts many benefits, pro-
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gram management approved the implementauon of a drag chute system for all vehicles. The first test tuzht will occur in early
1991 VMS simulations dictated a baseline chute of 40 feet (12 meters) in diameter, recfed to 40 percent of its a1 a for 3 seconds to
reduce the transients caused by opening shock. It will be deployed after main gear touchdown,

Weight-on-Wheels (WOW) Redundancy. The current system of WOW recognition is simplex, based on onc proximity switch
per main gear and two on the nose gear. Early WOW moding because of failire while the FCS is still in the airborne med« would
most certainly cause a loss of vehicle control from incorrect FCS. Therefore, the design of current sofiw. re logic is extremely fail
safe, issuing a WOW dilemima for any failure and keeping the FCS in the airborne configuration. This scenario would result in
degraded slapdown handhng qualities after touchdown, making the orbiter susceptible to pilot-tnduced oscillations (P10O%), as
seen on STS-3, and possibly making NWS unavailable. Furthermore, in the automatic landing mode, a hard nosc wheel slap-
down would occur, since the orbiter would try to continue descent onto the runway The system will be upgraded to triple redun-
dancy for cach gear, and wheel spin-up signals will be incorporated in the WOW decision logic in early 1992.

CONCLUSION

Simulation 1s an indispensable process. It provides a safe enviromnent for the design of 1obust systems, maxinuzes fhght
safety, and can drastically reduce the cost of a flight test program. However, it cannot, and should not, be used as a subslitute for
a flight test program, since 1t has its lim#tations. the results can be only as good as the models used, and the fidelity of a simulator
can be refined only with flight data A well-planned simulation/fhght test program ensures a robust design and a safe expansion
of flight envelope, and reduces future design changes
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UNE INTRODUCTION AUX TRAJECTOIRES SPATIALES
par
J.~P. MAREC

0ffice Mational d’ftudes &t dc Recherches Aérospatiales (OMERA),
92320 Chatillon, France

RESUME

Cet exposé introductif & la Session sur les "Trajectoires” du Symposium "Space
Vehicle Flight Mechanics" de 1'AGARD/FMP (Luxembourg, 13-16 octobre 1989), est destiné a
rappeler les notions de base de 1'étude des trajectoires spatiales, naturelles et
optimales, et a présenter les autres communications de la Session.

L'exposé est divisé encing parties.

Les trois premiéres parties rappellent les différents formalismes bien
connus : newtonien, lagrangien et hamiltonien, et les appliquent, 3 titre comparatif, a
1a résolution d'un méme probléme, volontairement trés simple mais essentiel, le probléme
des 2 corps.

Dans 1a premiére partie, le formalisme newtonien permet d'établir les formules
de perturbations de Gauss, qui sont appliquées 3 1'étude des perturbations d'orbites
dues au freinage atmosphérique.

Dans la deuxiéme partie, le formalisme lagrangien conduit aux formules de
perturbations de tagrange, qui sont utilisées pour étudier les perturbatfons d'orbites
dues aux dissymétries du potentiel terrestre.

Dans la troisiéme partie, le formalisme hamiltonien permet d'obtenir les
formules de perturbations anoniques et d'introduire 1a méthode de von Zeipel.

3 La quatriéme partie souligne le lien entre la mécanique variationnelle et les
méthodes modernes d'optimisation {Principe <u Maximum de Contensou-Pontryagin).

) Enfin, dans la cinquiéme partie, ies méthodes d'optimisation sont appliquées 3
1'étude du probléme des trajectoires spatiales optimales (transferts et rendez-vous
optimaux, corrections optimales d'orbitessetc.).

INTRODUCTION

Lorsque 1a Commission de Mécanfque du Vol de 1'AGARD a envisagé d'organiser ce
Symposium sur la "Mécanique du Vol des Véhicules Spatiaux", i1 est rapidement apparu
qu'une des difficultés serait d'introduire convenablement le sujet auprés d'un auditoire
dont au moins une partie risquait d'étre peu familiarisée avec ce théme. En effet,
1'intérét de la communauté AGARD a été, dans le passé, plus orienté vers 1'aéronautique
et les missiles que vers 1'espace.

Aussi a-t-i) éte décidé de faire précéder certaines sessions d'un exposé
introductif, destiné a rappeler aussi simplement que possible les notions de base et a
présenter les autres communications.

C'est le but du présent exposé, en ce qui concerne les trajectoires spatiales,
naturelies et optimales.

Les théories de la Mécanique Céleste, des perturbatfons d'orbites des satel-
lites artificiels, des transferts et rendez-vous optimaux, peuvent paraitre assez éloi-
gnées des préoccupations d'un spécialiste de 1a mécanique du vol des avions et des
missiles. 11 découvrira cependant trés vite, au cours de cet exposé, que les concepts
utilisés lui sont plus familiers qu'il ne pouvait le croire et que )'extension de son
domafne d'intérét a 1'espace est plus facile qu'il ne le pensait.

11 est alors possible d'espérer que ce symposfum ne restera pas un cas fsolé
et que la Commission de Mécanique du Vol de 1'AGARD pourra, aprés ce colloque & carac-
tére général, envisager des symposiums plus spécialisés, sur des thémes spatiaux,
vraisemblablement en coopération avec d'autres Commissions comme celles de 1a Dynamique
des Fluides, des Structures et Matériaux, de la Propulsion et Energétique, du Guidage et
de 1a Commande etc.

D'aprés ce qui vient d'étre dit. on comprendra aue 1'oriainalité de cette
communication ne résidera pas dans les résultats présentés, qui sont trés classfgues
pour les astrodynamiciens, mais peut-étre, tout au plus, dans la maniére d'introduire
les différents concepts (Fig. 1). En particulier, 1'accent sera mis sur le lien qui
exfste entre la Mécanique Analytique Varjationnelle bien connue et 1les théories
modernes d'optimisation comme le Principe du Maximum de Contensou-Pontryagin.

On évitera soigneusement d'aller trop loin dans 1'abstraction et les déve-
loppements mathématiques. Rappetons cependant que la Mécanique Analytique et Ya Méca-
nique Céleste viennent de bénéficier d'éclairages nouveaux apportés, en particulier, par
les théordies de 1a Géométrie Différentielle (variétés symplectiques, groupes de Lie),
des Systémes Dynamiques et des Développements Asymptotfques.

—c vy




I} est demandé au lecteur spécialiste d'Astrodynamique de bien vouloir excuser
un exposé aussi élémentaire, qui présente peut-étre 1'avantage de rassembler, de fagon
condensée, quelques résultats classiques importants. Pour plus de détails, voir, par
exemple, les références {1] et [2].

SYSTEME PRINCIPES APPLICATIONS

tot fondamentale Pufssances virtuelles Yariationnel
Miltew continy $=p Puissances uelle stionnels

Tréorémes généraux

2 corps
formules de Lagrange
Effets des dissysétries

Minfaur
fquatfons de)ugranqu d‘action Jagranglenne
{§2

! { fontensoy- 1§ 5} du potentie} tarrectre
pontryagin Trajectolres spatiates
Discret (%) l / (§ &) optinales
(MEcantqus smalytsque) Transfornation de Legendre ‘

fon nont
t:‘.’;:_?doi'(g"ﬁ"“(——) Action hamiltonienne 2 corps

Transformation canonique
{ 2 corps

. - 2 centres fixes
Equation ¢"Hanilton-Jasodf Formeles canontques
véthode de von Zeipe!

s

' 2 corps
N potnts matériels Lots ?; Fyton Formules de Gauss

Fretnage atmosphérique

Figure 1
L'exposé est divisé en cing parties (Fig. 1).

Les trois premiéres parties rappellent les différents formalismes bien
connus : newtomien, lagrangien et hamiltonien, dans 1'ordre d'abstraction croissante, Il
a paru intéressant, a titre d'illustration comparative, d'appliquer ces différents
formalismes 3 la résolution d'un méme probléme, volontairement trés simple, mais cepen-
dant essentiel, le probléme des 2 corps. Il apparaitra que, dans ce cas trivial, le
formalisme le plus abstrait n'est pas nécessairement le plus commode ! L'intérét des
méthodes les plus élaborées doit étre recherché plutdét dans leur capacité de permettre
1a résolution des problémes difficilement solubles -voire 1insolubles- autrement {par
exemple = le probléme des deux centres fixes), et de faciliter grandement 1'étude des
mouvements perturbés, en particulier de préciser la structure des solutions et le
comportement 3 long terme.

Plus spécifiquement, 13 1ére partie est consacrée auy formalisme newtomen,
appliqué 2 1'étude des systémes de N points matériels, Ce formalisme permet de traiter
de fagon particuliérement simple le problémé des deux corps, d'établir les formules de
perturbations, dites de Gauss, et de les appliquer 3 1'étude des perturbations d'orbites
dues au freinage atmosphérique.

Les deux parties suivantes traitent, plus généralement, des systémes maté-
riels discrets, tels que toute configuration a 1'instant € puisse étre dETinie par Ta
donnée d un nombre fini Nde paramétres qc .

La 2éme partie est ainsi consacrée au formalisme lagrangien, qui permet
d'étabiir les formules de perturbations de Lagrange @t de Ieés appliquer a 1'étude des
perturbations d’orbites dues aux dissymétries du potentiel terrestre.

La 3éme partfe introduit le formalisme hamiltonien, dont un des avantages
majeurs est de faciliter les changementS de variables par utilisation des transforma-
tions canoniques. Ces transformations permettent, d'une part, d'introduire une nouvelle
méthode d'intégration, dite de Jacobi, appliquée a@ la résolution du probiéme des deux
centres fixes et & 1'écriture des formules de perturbations canoniques, et, d'autre
part, de définir une méthode de résolution systématique, nar approximations successives,
des équations de perturbations : la méthode de von Zeipel.

La 4éme partie souligne le lien qui existe entre 1a Mécanique Variationnelle
et les méthodes modernes d'Optimisation (Principe du Maximum dé Contensou-Pontryaginj.

Enfin, dans la 5éme partie, les méthodes d'optimisation sont appliquées a
1'étude du probléme des trajectoires spatiales optimales : définition d'un transfert
optimal ; modé1 sation des systemes de propulision ; application de 1'optimisation
paramétrique aux transferts impulsionnels, en particulier dans le cas simple du
transfert de Hohmann ; transferts optimaux dans un champ de gravitation général ; cas
particuliers d'un champ de gravitation uniforme et d'un champ central. Des exemples sont
donnés de corrections optimales d'orbites, de transferts de durée {indifférente et de
transferts 3 poussée faible.
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1 - FORMALISME NEWTONIEN

1.1 - Mécanique newtonienne

La mécanique newtonienne a pour objet V'étude du mouvement des systémes maté-
riels discre;s constitués d'un nombre fini N de points matériels cQ&, de masses n* (P=
1, 2, ...,N). — -

La lof fondamentale de 1a dynamique (Fig. 1) se traduit par les lois de
Newton, que nous n'expliciterons pas.

fans le cas ol les actions mutuelles entre MZ%th&% sont des attractions

newtoniennes :
_ = _ _ ﬁ*lﬂ
Fq= =T = 4 mat by ey (1)

oﬁ/&est 1a constante de la gravitation, on est conduit au probléme des N corps de la
Méranique Céleste,

L'application des lois de Newton permettrait d'obtenir quelques résultats
raux concernant ce probiéme (intégrales premiéres, par exemple) ou, dans le cas
3, de tirer déja certaines conclusions intéressantes relatives au célébre p g
des 3 corps (figures d'équilibre relatif, courbes de Hill, par exemple), probléme qui
suscite actuellement un regain d'intérét (théorie des Systdmes Dynamiques).

Mais i1 parait plus intéressant de passer sans tarder a 1'étude, triviale mais
fondamentale, du probléme des 2 corps, qui présente 1'avantage d'étre intégrable et qui
servira de base 3 T'analyse des perturbations d'orbites des satellites artificiels. Cela
nous permettra, au passage, de rappeler quelques notations utilisées en Mécanique
Cé}este et dont la connaissance est indispensable & 1a compréhension des exposés sur le
sujet.

1.2 - Probléme des 2 corps

L'étudedu probiéme des 2 corps est trés importante, car i1 est fréquent que la
résolution d'un probléme de M corps puisse étre ramenée, en premiére approximation et
avec une bonne précision, d& la résolution d'un probléme dc 2 corps (cas du mouvement
d’un satellite proche de la Terre), ou de plusieurs problémes de 2 corps (cas dv
mouvement des planétes autour du Soleil), ou encore de la succession de problémes de 2
corps (cas du mouvement héliocentrique et des mouvements planétocentriques d'une sonde
interplanétaire).

De plus, comme nous l'avons dit, le probléme des 2 corps étant compliétement
intégrable, sa solutior sert de solution de base pour résoudre des problemes prlus
compiiquées (théorie des perturbationsy.

Les corps 04@ {de masse ;) et /by (de massem,) sont supposés ponctuels (ou,
dau moins, 3 symétrie matérielle sphérique) et isolés dans 1'espace (Fig. 2)

Le centre de masse G & un mouvement rectiligne et uniforme dans 1'espace
absolu et peut donc étre choisi comme centre d'un systéme d'axes ga]iléensCFafﬂy’éj'.

La Joi fondamentale de la dynaglgue

F = mrn {1)
appliquée successivement aux points matériels Hyet p‘Zz , peut étre écrite, dans ce
systéme : 2 >

LG o, T (@
LG . hmy . (3)

Py

2;- ” 7 :”3

& étant le centre de masse, on a :

s - —p
ma Gy + my G, = © 5 (4)
d'ob .
_— s — —_
Moy, « Gby Gy = — "1 G, =_"_;‘_’_'."3 Gty (s)
my M4

ot finaleomant

A GGy 4 s Gotor

= , (6)
I T
* A% - _ mi Gy . (7)

Abr (matm)* |G

W

'

1,
,
iy
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En pratique, les observations ne peuvent pas étre faites depuis le centre de
masse & des deux corps, mafs plutot depuis 1'un des corps, #4 par exemple, 11 est donc
souvent commode de rapporter le mouveme% relatif de ¢/0; par rapport a #4; a des axes
non gali]éensi«zg}(ﬁg. 2), centrés encd4 €t paralléles aux axes galiléens é""é}’}’ .

L2 différence (3) - (2) peut étre écrite =

>

,4/5 /ZW: _%(m4+mz)M3 . (8)
7%2 Il i, |

Les relations (6) et (7) montrent que, dans le mouvement absolu, tout se passe
comme s<i chaque corps était attiré par le centre de masse ¢ o0 serait concentrée la
masse :

3
m' = __ﬂ____ (9)
(m+m )
o m est la masse du corps étudié et M celle de 1'autre corps.

De méme, Ya relation (8) montre que, dans le mouvement relatif, tout se passe
comme si le corps étudié, de masse i , était attiré par une masse :

m’= M+ m (10)

égale 3 la somme des masses M et m des deux corps.

Comme le montre (5), les mouvements absolu et relatif sont homothétiyues, Il
suffit donc 6¢'étudier 1'un des mouvements. R

On pose =

F _ {zf(zm’_-.«%MV@wH)z (mouvement absolu)» (11)

m’ = %(M-}— m D (mouvement relatif}.

Notons que si M<ZM(c'est 1e cas pour le mouvement d'un satellite artifi-
ciel de 1a Terre), ces deux mouvements sont {(pratiquement) 1dentiques.

L'intégration du probléme des 2 corps est triviale. E£lle est rappelée 1ci
essentiellement pour fixer les notations. Les appellations géocentriques seront utili-
sées, de préférence aux appellations héliocentriques, pufsqu'on s'intérese ici surtout
au mouvement des mobiles circumterrestres .

Soit & étudier, dans les axes Fx43 paralléles aux axes absolus (Fig. 3 i F
est mis pour “foyer", ce qui sera justifié Dbar la suite), le mouvement du point (44,de
masse m, , soumis & 1'accélération de gravitation :

- s
15 = _,,; — 5 (12)
23

ol Boa la valeur (11). . _

Dans le cas du mouvement d'un mobfle circumterrestre , Foy est géné-
ralement le plan équatorial et F}l'axe des pdles. Fa- est orienté verf 1le point
vernal ¥ .

R TSRS
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La loi fondamentale de 1a dynamique s'écrit simplement :
—d

—>
=g (13)
et conduit au systéme différentiel d'ordre 6 =
LT -
o= —p 2, (14)
23

dont 1a résolution nécessite 6 intégrations scalaires, qui introduisent 6 constantes
d'intégrations scalaires appelées '"eléments orpitaux .

L'intégration est facilitée par 1'existence de trois intégrales premidres
{vectorielles ou scalaires ; au total : 5 intégrales premiéres scalaires), dont les deux
premiéres sont trés connues ; la troisiéme est peut-étre moins bien connue, elle n'en
est pas moins trés utile,

* L'intégrale premiére vectorielle du moment cinétique (massique)
— — . —>
F°A V = = vecteur constant (: To AV, ) (15)

équivaut 3 3 intégrales premiéres scalafres.
Le mouvement est donc soit rectiligne :

j-L->/\T=:é:>:? (16}

{cas étudié a part), soit plan, dans 1le plan perpendiculaire ér(glan orbital,
Fig. 4), repéré soit par le vécteur orientation, unitaire :

T = :F:’/-'K (J&:ll:f?ll), (17)

soit par les deux angles :

(:-.: (F§/ I)e[o‘, /IXOOJ {inclinaison) (18)

et

2= (Fr, Frd)e Zo"/ 360°J (ascension droite du noeud ascendant N),  (19)

ce qui ne représente, dans les deux cas, que 2 constantes d'intégration scalaires.
Faq est a2 ligne des noeuds, orientée vers le noeud ascendant N , c'est-a-
dire de fagon telle que Te triedre { Fz. , , Fx, ) soit direct.
X sont les axes orbitauX tournants ( o4 : radial ; #Y circonférentiel,
dans 1e plan orbital ; «Z2Z7 perpendiculaire au plan orbital, donc paraliéle a et T ).
Dans le plan ordital,

2 Ves ¥ = /‘&1”[9 = 2 o = 2 (vitesse aréolaire) =
A AE 4, = constante (= 2,V, cos¥% ). (20)

C'est i’'intégrale premiére de la loi des afres, qui introduit la troisiéme
constante d'intégration scalaire -fh. En des Temps egatix, les aires (L balayées par le
rayon vecteur %~ sont égales. Cette déuxieme 101 de Kepler a eété historiquement enoncee
pour Yes planetes, avec F = Soleil.

Figure 4 Figure 5




* L'intégrale premiére de )'énpergie fait intervenir le potentiel newtonien

massique

(VA /e (21)
et s'éerit ¢ )
- !,/Z _ W

T 4+ U/.-_-, 3 - .é‘.' - constante = E (— - - /‘g ); (22)

oﬁrest 1'énergie cinétique massique, ce qui introduit une quatriéme constante
d'intégration scalaire, 1'énergie totale massique £ , indépendante de 1'orientation de

la vitesseinitiale V; . Dans un mouvement donnéd ( ¥ fix@J, T1a grandeur V/ de 1a vitesse
ne depend que de Ja distance 7 au centre d'attraction.

* L'intégrale premiére vectorielle de Laplace :
= > - — —>
VAI?"H’%, = vecteur constant:/‘e (:: Vo/\Z-/A:zL—: ); (23)

moins connue, équivau* & trois intégrales premiéres scalaires (€ est mis pour "excen-
tricité”, ce qui sera Justifié par la suite). P

A 1a différence de 1'intégrale premiére du moment cinétique"{c {valable pour
tout champ central) ou de celle de 1energie§,(qui peut étre &tendue & tout champ
central du type @(A«) }, 1'intégrale de Laplace @ n'est valable que pour un champ
central en 1/2* .

Les 7 intégrales premiéres scalaires citées ne sont pas indépendantes : 5
seulement sont distinctes., E£n effet, on a les 2 relations scalaires suivantes, comme on
le vérifie aisément :

—
4.e=0, . (24)
pge /u—z&'_ﬁz, (25)

L'obtention de 1'intégrale de Laplace ne nécessite donc, en fait, qu'une
integratlon supplementalre (cinquiéme f{ntégration) et n'introduit qu une constante
d'intégration supplémentaire (cmquieme constante), 1'argument du périgée co (Fig. §),
qui repére le vecteur T (ou encore 1'axe F§ dirige suivant €’ J dans Te plan orbital.

St =0 (2 relations scalaires, car on sait déja par (24) que &_= O
(v est indéterminé. Ce cas (mouvement circulaire) est étudié a part. 2

- te mouvement est étudié maintenant dansles axes orbitaux ng‘g orthogonaux,
ol k'Y est perpendiculaire au plan orbital (Fig. 5).

Les angles L, L et w apparaissent donc comme les angles d' Euler qui
permettent de repérer le triédre orbital rfy‘s par rapport au triédre absolu F=x

La trajectofre peut etre cbtenue, a 1'afide de (23) et de (15), sans nou‘%e 'Ie

intégration. 30n eéquation polaire est :

= - (26)
~ A+ & ws ¥
e:”?” s «t od V= (&, %) == (i”, x> est 1'anomalie vraie (Fig. 6).
La trajectoire est dohc une conique de foyer (premicre Toi de Képler,
énoncée historiquement pour_les planétes dans Ve cas F = SoleilT, dé grand axe Fg %
est dirigé vers le périgée ), d'excentricité & et de paramétre :

= A o (27)

qui ne dépend que de la grandeurjv du moment cinétique.
Le vecteur@ est appelé vecteur excentricité ou vecteur périgée.

Figure 6 Figure 7

MALES N

T




- ————

10-7

La relation (25) montre que 1a trajectoire est une ellipse

(e< 1) ou une
hyperbole (&> 1} selon que 1'énergie W oest 0 . Le cas ¢ = correspond soit &
une parabole, sf & = 0 (L relation scalaire), soit & une conique plate (mouvement

rectitigne deja cité), si I =0 (2 relations scalaires seulemen , a cause de (24)),
c'est-a-dire une ellipse plate, si £« 0, ou une hyperbole plate, si
Le demi-grand axe & de 1'orbite est donné par

a=_f._ F

Ty = z__l_,-l > 0 (28)
Dans le cas elliptique, on a :
p= @ (1-e%) (29)
a= —p /2 E . (30)

Le demi-grand axe ne dépend que de 1'énergie de 1'orbite. Il ne dépend donc
pas de 1'orientation de la vitesse initiale (Fig. 7).

Le demi-petit axe est :

b= a 1% . (31)
La détermination de la 1loi horaire ’Z)’(Z‘)nécessite la sixiéme et derniére

{ntégration scalaire et fintroduit™ Ta sixieme et derniére constante d'intégration
scalaire T, instant de passage au périgée. Elle est donnée, dans le cas elliptique,

par les équations
M=n (t-z) , (32)

Mz E_esm E (33)

3
o\ & £, (3
? 2 A4-& (tIL 2
o M est 'anomalie moyenne, h. est le moyen mouvement, tel que :

h* a?l = {.«b (dOnc 'A.—: na.é) 5 (35)

et £ est 1'anomalie excentrique (voir Fig. 8).

La période orbitale est :
T= %;Z_f - zrr\/of’//L . (36)

C'est la troisiéme lof de Képler*, énoncée historiquement pour les planétes
dans le cas ~ = SoTeil.
L

a quantité :

Mo =—_nzc (37)

{anomalie moyenne pour t= 0) est appelée anomalje moyenne de 1'époque.

Figute 8 Figure 9

* Notons que Ta Jérme Toi de Kepler "Tes carrées de periodes des mouvements des planetes
sopt 3 proportionnels aux cubes des demi-grands axes de leurs orbites” n'est
qu’a rochee,_&car si M désigne la masse du Soleil et ™ 13 masse de la planéte, 1le
coe?ggdenfys {tem)varie quanc on passe d'une planéte 3 1'autre. Comme la valeur maximum

du rapport m/M , obtenue par Jupiter, n'est que de 1'ordre du milliéme, elle consti-
tue néanmoins une bonne approximation.
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Lorsque T = 1 jour sidéral, 1'orbite est dite géosynchrone. Un exemple en est

donné dans 1'exposé [3). Si, de plus, elle est circulairé et dans Te plan équatorial, le
sateliite est géostationnaire.

~ Les relations (32) - (34) permettent de calculer aisément 1'instant de passage
v a une position 4r donnée. Le probléme inverse {(calcul de 4 & donné) est plus
délicat, car il exige la résolutfion de Y'équation (33), transcendante en E , ce qui se
fafsait jadis & 1'afde de développements en séries ou dé tables, et qui est maintenant
grandement facilité par 1'utilisation des calculateurs numériques.

D1sons maintenant quelques mots des mouvements particuliers

* Le mouvement circulaire ( € = o ) (Fig. 9) est un cas particulier du
mouvement ellipfique, Je perigee P et les angles @ (et donc £ et M ) sont indé-
terminés, mais la somme & = W + 4~ (argument) est bien définie.

te mouvement est &tudié dans Yes axes Fmglg. C'est un mouvement circulaire

b=n (b_ty), (38)

ol tN est 1'instant de passage au noeud ascendant. La vitesse orbitale circulaire C
3 la distance o est donnée par (22), ol 2 = constante = & ,et (30), d’ou:

G@) = Vpsfa . (39)

£11e décroit comme 1'inverse de la raci carrée du rayon de 1'orbite circulaire.
par exemple, dans le cas de satellites circumterrestres, on a le Tableau 1.

uniforme &

Tableau 1
Rayon de
. éri 4 Yit
Type de sotellite Altitude I'orbite Période de révolution }:."'“
ceoloi {(en temps solaire moyen) otbitale
circulaire circuloire
z . a T C

e ¢ o

Satellite ‘rasant’
( phystquement imposstble

a causce de Patmosphere) 0 6 371 km 84,5 mn 7,9 km/ s
( Terre sphérnique )

Satellite " bas "
- . 300 km 6671 km 90 mn 7,75 km/ >
{Terre sphénique)

Satelltte équatornal

” géostationnagre " 35 786 km 42 164 km 23 hS6 mad,ls
(Terre aplatie)

Lune ((

{ pour mémorre, ¢n suppo- 384 400 km 273 7h43mn 11,5 s 1,017 km,”>
sant P'orbite circulaire )

3,075 &
(24 h sidérales) m/

* pour Ye mouvement parabolique (5 = 0O => €& = 1), on notera seulement qu¢
la vitesse L_, dite” paraboliquée ou de Tibération (Fig. 10), est donnée en tout poini

pars (22), d'ou =
Lery= Vg = V2 Clr) . (40)

Remarquons que la relation (22) peut étre écrite, quelle que sofit 1a nature du
mouvement ;

N2 2 ’ z e
V' L" = constante = < E (= Vot Lg ). (41)

* pour le mouvement hyperbolique ( >0 e>1 }, on notera seulement
que la vitesse résiduelle Yoo @ 1 infini du centre d'attraction (Fig. 11) peut étre
obtenue en faisant 2z —» 400 o GONC L —» O , dans (41), d'o0 :

Vi, = Vyliud (:: W=ZL* , en fonction du point courant) . {42)

L

Lyt s
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L(r)

Figure 10 Figure 11

1.2.3 - £1éments orbitaux

Comme on 1'a dit plus haut, on appelle é&léments orbitaux les 6 constantes

d'intégration tjg ( =1, 2, ..., 6) qui définissént un mouvement Xéplérien particu-
lier. Ce nombre est réduit 3@ 5 dans e cas parabolique (1 relation scalaire : &€= O
et & 4 dans les cas circulaire (2 relations scalaires : @, = -63 =0 ; Fig.9) et
rectiligne. g *

Dans_le cas elliptique, i1 est possible de choisir pour &léments orbitaux
{ &, &, { ,ﬂ. w, C)Yyo (&,e,l , oo ,Mo). Le sixiéme élément est souvent
remplace par 1' anomaHe moyenne M, qui n'est pas une constante du mouvement képlérien,
mais varie simplement (de fagon affine) en fonction du temps et présente 1'avantage de
fixer directement la position du mobile sur 1'orbite. On obtient alors les éléments
orbitaux de Lagrange (&, e ,t ,50, w,M).

Les éléments orbitaux précédents ne sont pas bien adaptés au(x) cas des
petites excentricités et/ou des petites inclinaisons.

En etfet, Torsque 2~0 , Ta position du per\gee_E est mal définie, les
angles w , M etMo sont mal déterminés, et i1 est preferable de remplacer la donnée de
e, w et M (ouMog ) par celle de €x, = Qs J’- = ¢S et WM (ou w+H,) (argu-
ment moyen ou argument moyen de 1'époque).

De méme, lorsque (X0, la position de la ligne des noeuds F:n est mal défi-
nie, les angles_Q. et (v sont mal déterminés, et il est préférable de remplacer 1la
donnée de i ,fL et w , par celle de ly =Sint SHulkL = . Sinc sk et = S+t (ascen-
sion droite orbitale du périgée ; noter que 1'on ajou'{e deux angles, Slet w , comptes
dans deux plans ditferents, mais voisins).

Enfin, lorsqu'a la fois w=~o et (¥o , i1 est préférable de remplacer la
donnée de € ,{ , £, w, MM (ou Mo ) par celle de W@, eésna ,9nd sinll , -Sinceesl

et o7+ M (ou a“nqc ) (ascension droite orbitale moyenne, ou ascension droite orbi-
tale moyenne de 1'é@poque, dans Te cas geocentrique).

— 1) est parfois commode d'utiliser les &léments orbitaux vectoriels ( € '{l ,
£ ,M ou Mo ) (Fig. 12), qui ne dépendent pas du cChoix de T orientation des axes
Fxq , mais présentent 1'inconvénient de ne pas étre indépendants, mais
d’avoir a satisfaire (24) et (25). I1 est souvent préférable de aire a‘lors appel aux
composantes "utiles® de T” et € en choisissant pour éléments (c.x ,
M ouMe )} (Fig. 13). Le remplacement de M {(ou Mo ) par w + M ?ou tc'-rl% :. 35'4
toute autre variable convenablement choisie, é&vite alors tous 1les 1{inconvénients
mentionnés pour €220 et/ou (O .

Nous noterons de faqon générale 4 ou 9 la matrice colonie 6 X 1 des

el ments orbitaux )q.; ou i, 2, ...,76), en convenant que les .;a et les q,
5

2y eeay sont consgants et que c,t varfe simplement en fonction du temps.
Par exemple . 4
ﬂ= I_a-,e,il_ﬂ.,w, Mf—’]‘; (43)
= Ja, e, 00,0, M ] (44)

La donnda dac 81émantc arhitaux ¢

= 2 (q t) (45)
V=" 274 (:)/ob— V(c/ £, (46)

ou n1 détermine 1o mouvement képlérien :
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c* _—
7 p
L
Figure 12 Figure 13
ou

- —_—
= 2 (5/1 Y, (47)
—> - -
V= V(g ) (48)

- P i = . bwd i? s :
Inversement, 1a donnée des éléments cinématique 4 et ,a 1'instant k R
détermine les éléments orbitaux : -

q = q(ﬁ>,v>/'é> . (49)

ou

4= 4 V) (50)

Signalons,a la fin de ce pa;-agrap_he consacré aux orbites képlériennes,que le
probleme de 1a détermination d'une orbite @ partir des observations (trajectographie)
est évoqué dans T expose L3J.

—_— > -3y
— Le calcul du vecteur différence 8% = % ~7% entre les raéons vecteurs 2
et A de deux mouvements képlériens proches, sur des orbites (O7-= +0C et
voisines,est trés important pour les applications pratiques en Astrodynamique (mouvement

relatif des véhicules, dans le cas d'un rendez-vous ; cet aspect est évoqué dans
TTexposé [5]. Notion de "satellite moyen", etc.).

1.2.4.1 - Calcul du vecteur différence o7 .

>
I1 s'agit de calculer 1a différence O correspondant & un petit écart g sur
les é1éments orbitaux. -

Lta Vinéarisation de (45) condvit 3 :
- =(1,¢)
S7. 2n18) 5q . (51)
Le calcul effectif est assez laborieux et conduit a 1'expression suivante :

—_ — — o
5% = VST w53 %ﬁ,my’_ T (B 80)+a 73tV ) 42 5 s

—>
50 = 5Mo+i3'?2:§. (53)
5" 5——) & ' kvd o d
ey est la compsante de 0¢° dans le plan de 1l'orbite. Y et h~ sont les vecteurs
unitaires des axes (LY et F

On remarque fimmédiatement que
période). le terme en [ dicparafs ot V!

Jd= © {les deux orbites ont la méme
est périodique, de pérfode T . )

si
gipression de 0 , aonc le mouvement relatif,

Dans le cas ol 1'orbite de référence O est circulaire ( € = O }, 1'expres-
sfon (52) se simplifie et devient :

= é_? = a_y"é'o'_a&?,}— a.(}—’). 5‘5’)}73.@[7'.&’)‘51 Yl gn(,'?)[a_) (54) -

of X et Z sont les vecteurs unitaires des axes X et AE .

L

RO
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Choisissons comme plzn de référence F'zg,le plan de O (L =0 , Fig. 13()__3t
repérons le mobile /6 par i'ascension droite K=z Fx,FX ). Les composantes de £ A
dans les axes orbitaux tournants (XY ZE sont :

SX= da —ade, s — ade, Sinet , (55)
5% ) Y= ado - 2 ntda £2a02, sinol _ Ba &73 osot (56)
02 = -a()?. 50) = —adls SK ~ di a(c‘? Sined - (57)

/ -
Si &1= O (1es deux orbites O et O ont méme période),(/é décrit une petite
ellipse autour du point d'ordonnée 8 =a§_a:(voir sa projection sur le plancMXy
sur la Fig. 14a), avec la période orbitale’i .

51 §a£0, 1'ellipse est centrée en(ba,060) et le terme en -(¥:)ntdu conduit a une transiation
parailélement 3 1'axe ) (et dans le sens des ¥ négatifs si Sa>¢ ), et la projec-
tion du mouvement sur le plan Y conduit aux festons représentés sur la Fig. 14b .
Cette figure est essentielle, car elle se rencontre trés souvent dans 1'étude des
rendez-vous en axes relatifs.

Al TN

(0) Figure 14 (b)

1.2.4.2 - Notion de “"mobile moyen"

Considérons wun mobile L/é/(F'Ig. 15) décrivant une orbite képlérienne 0/
quasi-circulaire ( @'~ ), de faible inclinaison ( ("or O ).

gfinissons un mobile ¢Z6 , voisin de/é’, décrivant une ordite O circulaire
(e = 0), d inclinaison nulle (¢ =0 ), de meme période quz O’/(donc 3= © T,
d’anomalfe moyenne de 1'époque Mo telle que 60 = ¢ .

Les expressions (55) - (57) se simplifient en :

JX:_agex Cosol — a(fe% Sl , (58)
—> ,
(5’24 57: Jaé‘éz Smod _ zadre‘& cwSL, (59)
SZ = _agé'q wsx_a{c‘% $ined . (60)

Vs
Le mouvement du mobile 4/0 peut donc étre décomposé en : /

- mouvement circulaire d'un mobile "moyen" G, 3 1a méme période que (/0,

- mouvement de (/0 autour du mobile moyen /0 - ’

Dans les "axes orbitaux tournants de o[é, le mobile leédécrit une petitc
11ipse, centrée sur ({6, dont les dimensions sont de 1'ordre de 1'excentricité et de
"inclinaison ae 07 . Le mouvement “e 4} représente une bonne approximation {(circu-
aire) du mouvement de (46”7 .

Cette décomposition est utile pour 1'étude de certains rendez-vous ({rendez-
vous "moyen").

e
1
1

X
Frgare 15 Figure 16

e
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1.3 - Mouvement képlérien perturbé : formules de perturbation de Gauss

Comme i} a déja &été dit plus haut, le probléme des 2 corps correspond, en
général, a une schématisation assez grossidre. £n réalité, dans le repére ° déya
utitisé (Frg. 16), le point ({6 est soums non seulement 1‘accé1_{z_;dtion de graVitation
a:—px’ r , mais encore 3 une accélération perturbatrice ¥ qui peut avoir des
origines trés diverses (pour un sateTlite arEiFiciel ds  la Terre : effet des
dissymétries du potentiel terrestre, attraction des autres corps, freinage
atmosphérique, pression de radiation, poussée des propulseurs, etc.).

L'accélération perturbatrice 7§, qui sera précisée dans chaque exemple, est
généralement fonction de 1a position 7% et du temps £ , parfois également de la vitesse

V =% . Les équations (13) et {14} sont donc remplacées maintenart par :
..y
M= q +Y (61)
et 5
‘e - —-— .
- - >
/L:_{Ai +X(}z,.z,t), (62)
22

pans un premier temps, 11 ne sera fait aucune hypothése sur les grandeurs
comparées de Tf’et % . En effet, les formules de perturbation de Ja Mecanique Teleste
peuvent eétre otaplies indépendamment d'une telle hypothése.

pans un deuxiéme temps, 1’accélération perturbatrice Y sera supposée faible
vis-d-vis de 1'accélération de gravita. on 63. , ce qui est souvent le cas dans Ia
pratique.

Cette hypothése <k ‘3/ ("hypothése des petites perturbations", H.P.P.)
facilite 1'intégration des équations de perturbation. L'existence d'un "petit paramétre"
Y/ permet en effet 1'utilisation de la théorie des développements aSympLotiques. On
se b;‘rnera 1¢i 3 une linéarisation des formuTes de perturbation, ce qui sera Tres utile,
dans 1a 58me partie, pour T optimisation des corrections d'orbites. Enfin, & titre
d'application des formules de perturbations de Gauss, 1'effet du freinage atmosphérique
sur les orbites des satellites artificiels sera étudié.

11 s'agrt donc de résoudre le systéme différentiel du 68me ordre (62) (3
dquations scalaires du 2éme ordre), qui peut étre encore écrit sous forme d'un systéme
de 6 équations scalaires du ler ordre

L

R

% .V =7 (63)
2> - — wrd

V o+ ‘M%; =% (7;/ V/f:), (64)

—,
aux fonctions 1nconnues &) et -\T’(f')

1.3.1.1 - Méthode de la variation des constantes

Le point de départ de 1a théorie des perturbations est }a remarque suivante
Le systéme sans second membre de (63) - (64) :

-2
ke . 7
v = o, (66)

est équivalent au systéme (14) du probléme des 2 corps. 11 est donc intégrable et 1la

solution obtenue est le mouvement képlérien (45) - (46), ol est T3 mat
constantes d'intégration, ou é1éments orbitaux. ’ 6—1- matrice des 6

] Dans la théorie des équations différentielles, et plus généraice

systémes différentiels, une méthode classique de résolut'ion dz? systgémee avegenstecgﬁg
mempre {63)-(64) est la méthode de variation des constantes., Cetté methode consiste a
cﬁercﬁer'\a solution de T63) - (64) sous la forme (45) ~ (46), ol 61 est considéré
cette fois, comme fonction ynconnue du temps H - ’

q = i;(é), (67)

La solutio: peut alors Gtre écrite
E:= x (Q(e),t) , (68)
—> LA
V=V (q(e),t). (69)

On ue restreint pas ainsy 1a généralité de 12 famille des solutions, compte

tenu de 1'équivalence qu'il y a entre 12 connaissance i tout in é1é 3
u ent stant des éléments ciné-
matiques 7?% T’ et celle des éléments orbitaux correspondants

Avant d'aborder le probléme de la détermination des 'fonctlons 3
donnons immédiatement une interprétation géométrique de 1a méthode. C’(t> ’
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Figure 17 Figure 18

1.3.1.2 - Orbits osculatrice
Dans le mouvement perturbé, 1'orbite képlérienne "osculatrice” a 1'instant t
est, par définition, Y'orbite képlérienneé () dont les elements orbitaux q sont égaux a

‘jw) 11 est évident, par (45) - (46) et (68) - (69), que, & 1'instant £ , les
&léments cinématiques X ,~/ sont les mémes dans le mouvement perturbé sur la trajec-
toire r&elle T (Fig. 17) et dans le mouvement képlérien fictif sur 1'orbite oscula-
trice . En particulier, et O sont tangentes en v6 mais, contrairement 3 ce qui
laisserait supposer 1'appellation de O , ces deux courbes ne sont pas {en général)
osculatrices au sens gé_qp’étri ue. En effet, le plap osculateur a 1a trajJectoire T_est
gfini par et 77 = + , alors que le plan osculateur 3 (O est défini par |y et

, ¢'est-a-dire par V" et B . Pour cette raison, O est quelquefois appelée orbite
tangente, ce qui ne rend néanmoins pas compte de 1'égalité des grandeurs des viT@sses
dans_Jes deux mouvements. Cette égalité fait quele mouvement képlérien "osculateur”
représente une bonne approximation du mouvement réel sur un intervalle de temps
suffisamment ccurt. En effet, dans le mouvement réel sur la trajectoire |

- —>
Bty at) = RE)s VI AE 1 T at™ 0Gt?), (70)
et dans le mouvement képlérien fictif sur 1'orbite osculatrice O 3 1'instant t x
- — —> -— 4
T (br b)= 200+ VDAL + 4 3(&)136‘4- 043, (11)
ce qui conduit 2 un écart : 5
—, - 7 2z 3
N (TIN W (FPE :é)’(emt + 0(4t%), (72)

d'ordre At seulement. 11 en serait cependant de méme si 1'on choisissait comme mouve-
ment fictif le m~rivement ‘ectiligne uniforme :

71,:_ (E+A(:'>= BXGT VoAt , (73)
ce qui conduirait a um écart :
—_ —
77k AE)_ -zZ,(hAb): 1r@ AR 0 (0 E3). (74)

Toutefois, dans le cas d'une faible perturbation { Y<£49), le mouvement
képlérien"osculateur“devient une trés bonne approximation au mouvement’réel, car 1'écart
(72) devient trés faible. C'est trés souvent le cas dans 1’étude des mouvements naturels
en Mecanique Céleste et c'est pour cette raison que 1'orbite O a été appelée ™oscula-
trice”. (e terme sera conservé également dans le cas général.

L'orbite osculatrice 0 3 1'instant t est donc 1'orbite qui décriraic(/é,
si, 3 partir de 1'instant £ , cessait toute action perturbatrice. Dans Ta theorie des
perturbations, Te mobile (ff n'est plus considere comme decrivant l1a trajectoire T,
mais comme décrivant une orbite képlérienne O , qui se déforme progressivement (Fig.
18). 1'avantage de 1a méthode ect cur 1o nlan aniTyfigus 4 alimingy on auelgue gorte
12 "partie intégrable” du mouvement perturbé.
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. Sur le plan géométriaue, et dans le cas ol la perturbation est faible
( << , la seconde interprétation permet en genéral de MIiEuX se representer Te
mouvemeht.

Sur le plan numérique, et toujours dans 1'hypothése ¥<<0y, il est généra-
tfement plus intéressant, dans les calculs, d'utiliser les é&léments orbitauxau licu das
coordonnées cartésiennes, car ils varient plus lentement. Cependant, 1a possibilité
d'utiliser maintenant des calcu]ateurs trés puissants fait perdre aux éléments orbitaux
une partie de leur intérét ; i1 n'est pas rare que certains calculs d'orbites se fassent
en coordonnées cartésiennes, si 1a durée (nombre de révolutfons) n'est pas trop longue.
L'exposé [4] insiste sur ce point.

1.3.1.3 - Formules de perturbations

Les formules de perturbations peuvent étre obtenues par différentiation de
1'expression (50) des éléments orbitaux 614 de O en fonction des él1éments cinématiques
S 2z

' 9= 29,2
dq,= O 9‘34 o 99.1 Volt 4.%,(3%)#—(?— Vy %’L‘ (;_2,04_9.,&&):%;@/74)_>.(75)
- 2"’ 7w - -y

La varfation 0(14 pendant 1'intervalle de temps Mest donc égale a la somme
de 1a variation "képlérienne" (dont ‘Ies&s premiéres composantes sont nulles,
puisque les éléments orbitaux C'Grrespondants P, sont des_constantes du mouvement
képlérie_%, et de la variation ( dq, )/i' , ot 1a position " est figée et ol Yy est
remplacé -

En dlvisant par oU:, on obtient les formules de perturbation :

1 ¥ (76)
= R 76
G = OI’K";\':»

Ces formules peuvent étre explicitées, d'abord pour les éléments orbitaux
vectoriels, purs pour les éléments orbitaux scalan-es.

Pour les éléments orbitaux !gctomels e, Z e m) les axes dans
lesquels sont repérés les vecteurs et ¢ ainsi que ceux dans lesquels est repéré ¥~
ne sont pas spécifiés, ce qui conduit a "des formules vectorielles, particuliérement
condensées, qui permettent une certaine souplesse d' utilisa’c’:on T

Pour les eléments scalaires de Lagrange Gt =[ , , b, W HJ Y
est repéré soit dans les axes orbitaux tournants o XY a {Fag. 19), Ta matmce
colonne 3 X 1 représentative e¢tant alors nojteeﬁr I"ao, ®, W J7, soit plus rarement
dans les axes intrinséques class1ques en b—, la matrice étant alors notee Y =
[“Q, ¥rs Y1 - Un passe aisément d'un systéme de composantes a 1'autre grice aux

relations =
cos¥ =V, /V=4 aV, (77)

s ¥ = Vo /V= “{;esmv/)')\/ (78)

L"angle ¥ (notation normalisée) est 1a pente locale de la trajectoire, & ne
pas confondre avec 1'accélération perturbatrice !

L'explicitation des formules (76) est assez laborieuse, aussi ne ferons~-nous
Te calcul que dans deux cas particuyliers, 3 titre d' exemp\e, en etabhssanc les formules
de perturbation pour 1'énergie et pour le moment nethue,l\, Nous donnerons
ensuite 1'ensemble des formules.

1.3.1.4 - Perturbation de 1'énergie orbitale
La différentiation de jr-; donné en (22) conduit i

A€ = d B sdEs=dE V. IV-V. Volk = V ¥ dt, (79)

’ — —>

E;V.X:VX(: R (80)

et, par dérivation logarithmique de (28), qui s'écrit encore

a= — £ (81)

pour une ellipse {resp. une hyperbole), on obtient facilemeont :
Y it < e N -
4o TV Y2 2o Vv = 2V Y. (82)
g nla néia

Remarques
—

1} Seule 1a composante tangentielle Xg de 1'accélération perturbatrice
perturbe 1°' energie oy le dem-grand axe.

L' energte £ croit (resp_a'decrmt) selon que la composante tangentielle )’t.
est Z 0O, c'est-i-dire selon que ¥ est appliquée dans le sens {resp. en sens
contraire) du mouvement.
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Figure 19 Figure 20

—-r
Une accélération perturbatrice J dans le sens du mouvement ( Y(- >0) fait
croftre {resp. décroftre) le demi-grand axe d'une ellipse (resp. hyperbole}.

Une accélération perturbatrice ¥ perpendiculaire 3 1'orbite ( )’e=0) laisse
1'énergie ou le demi-grand axe fnchangés. —

-

2) Une impulsion de vitesse élémentaire )’o(t, perturbatrice, tangentielle
( h'(,= t‘\fzo ), est d'autant plus efficace pour perturber 1'énergie ou le demi-grand
axe que les variations spécifiques :

\y{g‘: f:{il =V, (83)
et
[Ya |= I;(M AV LV, (84)

!
proportionnelles & la vitesse Y au point d'application, sont plus élevés, c'est-a-dire
que la vitesse est plus grande.
Elles sont donc maximales au périgée et minimales a 1'apogée (ellipse) vu &
1'infini (hyperbole).

1.3.1.5 - Perturbation du moment cinétique

La différentiation de >(15) condgit ac:
> —y =3 o =
A = dh, v ol = dbp = TNA = TNY A, (85)

— >
A , . (86)
'

¢ [
On en déduit cisément les formules pour'g'x , LLet

.

Remarques =
-~ -

1) Seule 1a composante Z[)’de 1'accélération perturbatrice ¥ qui est orthogo-
nale au plan de 1'orbite perturbe 1'orientation de ce plan, qui tourne slers auteur du
rayon vecteur o7 = Fdu_point d™application (Fig. 20) (&% non pas  sitour d une
direction qui lul serait perpendicul e 1), 5T

Une impulsion é&ldmentaire Y {forthogonale au plan de 1'orbis2 IZU" Volé')

produit la rotation : .
AL =l dif = % Yolt . (87)

L'impulsion est d'autant’ plus efficace que la rotation spécivigue :

o A s
Y= = =, (88)
proportionneile a la distance 4 , est plus grande donc que Ja _d_ptancg_ic est plus
grande.
Dans le cas elliptique, pour une impulsion orthogonale au plan 1e 1'orbite, de
grandeur donnée, la rotation est maximale lorsque cette fimpulsi:zn cst appliquée 3
1'apogée. La rotation a alors lieu autour du grand axe.

w

IR RCLIN Y
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1.3.1.6 - Formules de perturbation
Le calcul complet conduit aux formules suivantes :

Perturbatnon des éléments vectoriels :

—
<‘;? = V.Y 89)

—
Ii: z”/\\g - o . (90)
T=FAR +V /|</L AY )[: e/ +90’)A2'_ﬁgs’w(voir Fig. sz (91)
He ne 2. 7Y b 708, (92)

nat ae )
d'oli
T'.io-: e (—2? 4—3(’? ).—X_)_ _b_ ?.?’:" (93)
hat ae
Perturbation des éléments de Lagrange {(cas elliptique)

= ig[esmvy+@«ewcv)'\6]_ 2Y vy, (94)
e = = [&nv-@"J»(uw-»a;E)'Zf]- '4[2[24arv)Y£_- 2 s X,J (95)
: =V’4,l W, (96)
92 stmg w-, (97)

(')-::. .—bT[ mryf(smv‘e_aa»nEQ?ﬂ-Mw AVZSMV- +é€+o‘(£n’ b’n] M"”?U/V (98)
ne e
n+ l(wﬂ‘ ui)y hnir(/{f-ﬁ;)%—]— "I— —_ L’sw{zfreunme’)bz_ ﬁumzf ] (99)
hafe
Insistons encore sur le fait que, ces formules sont valables quelle que soit la

H

grandeur de 1'accélération perturbatrice 3

Les formules (94) - (99) peuvent étre é&crites sous la forme matricielle
condensée
. .
q{‘.' q“( + K{X 3 (100)
) L i -2
oil (1“{ est l1a matrice colonne 6 X 1
= . T
Oy = [o,0000,n7], (101)
et of
Ke = Ka(94) (102)

est la matrice 6 X 3 de perturbation. Le second membre de (100) n'est fonction que de
1'accéiération perturbatrice y et des €1éments orbitaux &Gy .

Figure 21

[NV
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L'utilisation de 1'anomalie moyenne de 1'époqie [, au lieu de 1'anomalie
moyenne M conduit & des formules du type

' = (103)
q=kKY

K= K(q ) (104)

ol cette fois

dépend du temps L .
1.3.1.6 - Cas des petites excentricités et/ou des petites inclinaisons

tes difficultés rencontrées dans 1'utilisation des éléments orbitaux de
Lagrange dans le cas ol €20 etfou L0 ont déja été évoquées au paragraphe 1.2.3.
Elles sont évidentes sur les formules (94) - (99), ol Woowet Moo lorsque e~50,
et ol S 500 et Wsoolorsque >0 . I1 faut alors faire appel 3 d'autres éléments
orbitaux, tels que ceux proposés au paragraphe 1.2.3. Les formules de perturbation de
ces nouveaux éléments peuvent étre obtenues afsément & 1'aide de (94) - (99). 11 est a
noter que ces nouvelles formules, qui ne seront pas développées ici, sont rigoureuses,
et non pas seulement valables pour @0 et/ou (=0 ; elles sont seulement mieux
adaptées & 1'étude de ces cas.

1.3.2.1 - Hypothése des petites perturbations (H.P.P.)

—
Dans de nombreux problémes d'Astrodynamique, 1'accélération perturbatrice ¥
est faible (¥<<% ) {perturbations naturelles, propulsion a faible poussée) ou appli-
quée” pendant de %rés courts instants (poussée éventuellement forte, mais impulsion
totale de vitesse faible).

De fagon plus précise, il_ sera supposé que :
I= jéf Ydb < V, (105)

ol Lf:° ,(7(] est 1'intervalle de temps pendant lequel on s'intéresse au mouvement, etV
a vitesse orbitale moyenne. N

11 apparait donc un "petit paramétre® &= I/V<< 1 dans le probléme et
1'intégration du systéme (103) dé t, a [y montre que les variations A4} des é&1é-
ments orbitaux sont telles gque A7f< = O (£ ) et, compte tenu de (93), A7‘= AR, =
0 E((’é-(n)]. L'orbite osculatrice! O reste donc toujours proche de O, ou Of , 1'écart
étant d'ordre £ .

1.3.2.2 - Orbite nominale

~11 est encore possible de dire que O reste toujours voisine d'une orbite
nominale 0 , fixe, proche de O, et Oy , les écarts étant d'ordre & . — -

Compte tenu du rdle particulier joue par 1'orbite nominale O , il est commo-
de de prendre son plan comme plan de référence Fux. (Fig. 22) et, dans le cas elliptique
(0<E<1), son grand axe, orienté vers le périgée’ comme axe de référencefrbans le cas
circulaire (T =0), Fx est choisi arbitrafrement dans le plan de 0 . Notons qu'il est
possible de prendre T = O lorsque €« 2t €f sont d'ordre £ .

Figure 22
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1.3.2.3 - Choix du sixiéme é1ément orbital

Pour aboutir 3 des formules de perturbatron linéarisées générales, i1 est
souhaitable de ne pas avoir & les modifier dans le cas ol 1l'excentricité & est faible.
11 est donc commode, puisque nous avons vu que 1'inclinaison est également faible,
d'utiliser les éléments ¢y, t';%, O s elﬁ (Fig. 13) et de remplacer Mo par& +H, ,

e i

ou mieux, compte tenu de la fo particfliére de 1'équation (93) en M, , par :
g = _E: o+ Mo, (106)
puisque C'r‘ peut alors étre écrit :
r 2\ = i ~
ro b Ao A4 (_g;’ 36V), b b -e (107)
T = —wf”a—m + )b’.}(.i.w’_;‘_ IE>’

et le dernfer terme s'annule lorsque ( coincide avec § , ce qui sera supposé i chaque
instant, dans les seconds membres, lors de la linéarisation des équations. -

11 est important de remarquer que, dans la dérivation de ¢ , le facteur bz
est considéré comme une constante.

1.3.2.4 - Choix de 1a variable de description

11 n'est pas recommandé de garder 'e temps comme variable de description. En
effet &

1) A chaque instant, la position angulaire qui intervient dans les seconds
membres des formules de perturbation doit étre calculée sur 1'orbite osculatrice O i
partir de Ya donnée de et g~ . Dans la linéarisation, cette position devra étre rem-
placée par la_position nominale, calculée sur 1'orbite nominale O & partir de 1a donnée
de t et de ¢ . L'erréur angulaire, de 17ordre de &£ ({p ~&, ) au plus, peut devenir
importante dans le cas d'une longue durée, disons de 1'ordre de 1'unité pour (:(.—i‘o =
{1/€), ce qui conduirait 3 une erreur relative plus grande que (J(€), et de ce fait
inacceptable, sur les seconds membres des équations de perturbation, qui contiennent des
fonctions trigonométriques de la position angulaire.

2} Le temps C n'est pas une variable d'intégration commode, car il intervient
te plus souvent implicitement par 1'intéermediaire de l1a position angulaire sur 1'orbite
osct_latrice {anomalie vraie Ay ou anomalie excentrique £ ), dont le calcul en fonction
de nécessite la résolution d'une équation transcendante. Une variable angulaire est
préférable et i1 vient d'étre vu qu'il est essentiel qu'elle exprime, avec une précision
suffisante, dans les équations linéarisées, 1a position angulaire vraie du mobile.

Les considérations précédentes conduisent & cheisir, comme nouvelle variable
indépendante, 1a pseudo*-ascension droite X du mobile tl6{Fig. 22}, ou mieux, dans le
cas elliptique (0<E<I], T anomalie excentrique g correspondant 3 1'anomalie vraieo(
sur 1'orbite nominale § .

Te temps € est alors déduit du sixiéme élément orbital en utilisant M= Mo+

[

ne,

Dans cette approche, le mouvement est donc décrit explicitement en fonction de

Ya position angulaire g {ou, dans le cas circulaire g=(C , en fonction de 1'ascension
droité ), et seulement de facon implicite en fonction du temps t.

Il est important de rémarquer que Jjusqu'a préseng aucune approximation n'a

été faite.
1.3.2.5 - Linéarisation

Seul le cas ol 1'accélération perturbatrice ¥ est faible est traité ici. Le
cas ol elle est forte,mais appliquée pendant des intervalles de temps trés courts,se
traiterait de méme.

] Comme7f=0[£/(2:(~£'o)j, les équations (102) peuvent étre mises sous la
orme :

i’__§_=eg(<1,s), (106)
3 g
en faisant apparaitre Je 'dpetit paramétre” € du probliéme.

Compte tenu de la présence de £en facteur dans les seconds m2mbres, on
obtient une approximation suffisamment bonne des variations d§/JE en remplagant dans le
second membre les éléments orbitaux par leur valeur nominald q . La linéarjsation des

formules (106) consiste donc simplement & "figer" dans les seconds membrés Jes elements

orbitaux a Teur valeur nominale.
—Lompte tenu du choix des axes, on a évidemment :

s Uy = o {c'est-3-dire,t = O ), (107)

-, ;»;é = & i est-d-aire,@ = O ), {108)

x
-
(&

0'autre part, U est constant, ou mieux, en prenant pour origine des temps
1'i{nstant ol E = O {(ou < =0), et compte tenu de (1087 :

T= 0. (109)

*‘E{l effel, Te plan de reference f:x:", qui est ici Je plan de g , ne coincide pas en
général avec le plan équatorial.
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Compte tenu du réle particulier joué par 1'orbite nominale 0 , i1 est commode,
pour simplifier les calculs, de chofsir les unites suivantes :
Unité de longueur : « = dem- rand axe de 0

, Unite de temps .T/!Y{ = (période sur ) Y/aT
d'oll
Unite de vitesse : C (&) = Y(/a = yitesse circulaire

—

I
| @ 1a distance &= 1.
Unité d'accélération : g () = ,(/A‘ accélération de |
gravitaticn !
On peut donc faire :

&K= (110)
w=A {111
donc

(112)

ﬁza’;fm 4,

dans les équations, au risque de ne plus pouvoir vérifier les formules par des considé-
rations d'homogénéité.

Conpte teny de toutes les hypothéses, la linéarisation des formules ({(106)
conduit & 1'expression suivante, ol pour simplifier les expressions, le signe (77) a 8té
omis sur Yes quantités nominales :

ii’, = 2 KY, (113)
dAE - .
oG, 1a matrice de perturbation nominale K prend la forme simplifiée suivante :
0 0 Kgs
0 0 K2
- 3 3
Kz |Kay Ky 0 (114
ke, x IQ‘y 0
KeaX gy 0
KX Kfy 0
99

Les é1éments sont donnés dans le Tableau 2, en fonction de 1'anomalie excen-
trique Fdan§ Jje cas elhptique(é’.;ﬂi),et de 1! ascensmn droite o< dans le cas circu-
Jarre (€ =20

Sous forme deve]oppee, e fonction des composantes T, &, UY de 1'accéléra-
tion perturbatrice 7 dans les axes orbitaux tournants nominaux , On a :

Cas elliptique ( e¥# 0 )

A e w, (115)
6%_ _’i_(e_u\'E)‘U}' {116)
121:3 b

_1.,__1@;..'5904‘,&6 &, (117)
¢

%%_‘:/751n5'30+6(2(0;[:~e’Lﬂ32£_—(%>(é:}, (118)
JE

? s b6t E )Pt o E(2-esb et ) T, (119)
01153(3/4;;;”5-242 )D%- M. {120)
p

Cas circulaire ( €=0)

dix _ pos w, (121)
Ax

dy . _ s W, (122)
da - 20, (123)
%:mx Py 2asd B, (124)
i "

‘}e;k: — 05 P +L 5 U9, (125)
1%

A= _ e, 20, {126)
vl w

Ces derniéres formules sont particuliérement simples et trés importantes,car
elles permettent d'étudier ies perburbations natureiles ou artiticielles (poussee) au
voisinage d'une orbite nominale circulaire, ce oui souvent le cas dans Ta pratique.

1

B

(NI
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Tableav 2 : Elements de la matrice K

avec a = | ,n=l,bs\/l—cz.p=1"<"’.r=l—ccosE,M=H-csinE

c £ 0 e =0
1 7 sin E sin O
x
K, -
v 7 {e~cosE}/b - cos @
b4
K .
aX (2e/r)sin E 0
K
aY¥ 2b/ ¢ 2
' K . :
e X {p/r})sinE sin @
X
K 2
ch {b/r)(2¢cosE ~ccos E~c¢) 2cos &
K
e X (b/r)(e —cos E) -~ cos &
y
K . V]
C'VY sin E (2 —ccos E~c )/r 2sin
K. . .
oX -2t + (3 MesinE/r) -2
Roy 3bM ¢ 3a
1.4 - Application : perturbation des orbites des satellites artificiels par 1le
treinage atmosherique

On se bornera ici & quelques remarques, essentiellement d'ordre qualitatif.

1.4.1 - Hypothéses

La résistance aérodynamique, bien que trés faible dés que 1'altitude est
suffisante, a pour effet de limiter la durfe de vie des satellites artificiels de la
Terre. Cet effet sera estimé dans le cadré des hypothéses simplificatrices suivantes

ot
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(1) Yerre sphérique.

(2) Atmosphére non tournante, c'est-d-dire non entrafnée par 1a rotation de la
Terre sur elle-méme,

(3) Masse spécifique de 1'air fonction parfaitement connue de 1'altitude 3-;
par exemple, fonction exponentieile par morceaux, du type :

ad - ¢ "f‘:
= P e (-3t )/ . (127)
8
oi les valeurs € et H{ (facteur d'échelle, appelé encore "pas"™ de 1'atmosphére) sent
valables dans la "tranche” d'altitude [3:, 384 ( .

En fait, une grande incertitude pése sur la connaissance de la densité atmo-
sphérique 3 haute altitude, CeTte densite dépend essentiellement de 1'activité solaire
et de 1'activité géomagnétique. On observe, de plus, des variations saisonniéres,
diurnes et géographiques {latitude et 1longitude). Des modéles empiriques ont été
construits {NASA, CERGA, ...). Statistiquement, fls représentent la réalite a 25 % prés
sur 95 % de la durée de vie d'un satellite bas. Sur les § % restants, des orages magné-
tiques, dont la durée est de 1'ordre de la journée, peuvent étre responsables d'une
erreur allant jJusqu'a 160 %. Cette erreur est cependant relativement faible au minimum
du cycle solaire, de période 11 ans environ. L'importance de ces orages peut étre connue
a posteriori, avec un délai de 1'ordre de 15 jours. L'effet peut donc étre pris en
compte dans un traitement en temps différé.

(4) Loi de "trainée aérodynamique"” de 1a forme :

ﬁ::: -/.if,SCQ\/V», (128)

ol S est le maftre couple” et Cx le coefficient de trainée, compris entre 2 et 4, et
supposé parfaitement connu. En fait, V"érreur sur Te Cx peut étre de 1'ordre de 20 i
50 %. Mais la connaissance du Ca peut étre améliorée a partir des mesures de poursurtes
de satellites.

—y
L'accélération perturbatrice ¥ est donc :
-— - —
Ye Be 4 eB VYV, (129)

m
ol B SCx/m est le coefficient balistique du ;atellite.

Puisque 1'accéleration pérturbatrice § agit dans le plan de 1‘orbite oscu-
latrice O(W‘O ), les équations {96) et (97) montrent que :

—
L = constante | (130)

donc que le plan de 1'orbite n'est pas modifié.

“DTautre part, comme a’,c <0, (94) montre que <0, donc que le demi-grand axe
décroit toujours.

ant que le périgée est suffisamment haut, 1'accélération perturbatrice

reste faible (Y<«q-) et i1 est possible, comme i) a été vu au paragraphe 1.3.2 de
calculer approximativement les variations Agj des éléments orbitaux sur une révolu-
tion en figeant 1'orbite osculatrice O dans les seconds membres des formules de pertur-
bations.

Si 1'orbite initiale Oo est elliptique, le freinage a lieu au début essentiel-
lement au voisinage du périgée P et le relation (91), qui s'écrit ici

: ~> Z’?
f(?: -B(JV VA R (131)
> -
ainsi que les Figs. 21 et 23, montrent que les contributions élémentaires Jga etﬁz
a L2, pendant le temps , correspondant 3 deux points Ay et e symétriques pa

rapport au grand axe, sont elles-mémes symétriques par rapport au grand axe. Donc <&
et, par sommation,/.\cf sont portés par le grand axe et dirigés en sens inverse de ¢ .
bonc la direction du grand axe est invariante et 1'excentricité décroit. I1 &st possible

de vérifier qu'a 1 issue de cette premiere phase 1 excentricite s annule.

@] V
1
A, &,
@- \Yldit' A?
! Al B 1A NV S\
-\7; \-.-/'g’dt \.Y.;d(
\ ‘/4-2_ dcl 2

— 2 Figure 23
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Un raisonnement analogue wmontrerait que ta seconde phase est une
"circulaire” de rayon décroissant. -

Enfin, 1orsque Te satellite arrive dans les couches denses de 1'atmosphére,
1'hypothése ¥<< n‘est plus valtable et il faut reprendre le calcul 3 1'aide des formu-
les de perturbation rigoureuses (89) - (92) ou (94) - (99), ou plutdt revenir aux équa-
tions cartésiennes (62), pour décrire la troisiéme phase de rentrée proprement dite.

En résumé, la déformation de 1'orbite s effectue en trois phases (Fig 24)
(1) d'abord une “circularisation” progresswe, od 1*altitude de 1'apogée décroit,
altitude de perigée quasi-constante ;

(2) puis, une spirale de rayon lentement décroissant ;
{3) enfin, une “"rentrée" relativement rapide dans les couchcs denses de 1'atmosphére.

-

Figure 24 Figure 25

2 - FORMALISME LAGRANGIEN

2.1 - Mécanique lagrangienne

La mécanique lagrangienne a pour objet letude du mouvement des systémes
matériels discrets, tels que toute configuration 2 Vl'instant puisse étre définie par
1a donnée d'un nombre fini de paramétres q {(¢=1, 2, ...,n ) {coordonnées générali-
sées) et éventuellement de |,

Le systéme de N points matériels de la premiére partie apparait ainsi comme
un cas particulier. I est posslbi de prendre, par exemple, pour paranetres 6f les
coordonnées xi; ($=1, 2, 3) des ¢ (p= 1, 2, ...,N). Dans ce cas n= 3N

L'application du principe des puissances virtuelles, équivalent & la loi
fondamentale de la dynamique (F\g. 1}, conduit aux equations de tagrange bien connues,
qui, dans le cas particulier d'un systéme & Lagrangién, s ecrivent :

4((‘}_’"\)_ QL-.o, (132)
Z{'\E ,a(;“ acrl -

2.2 - Probléme des 2 corps

Le systeme des 2 points matériels étudié au paragraphe 1.2 est un systéme &
Lagrangfen. ta symétrie sphérique du probléme (Fig. 25} suggére 1ut1|15at1on des

coordonnées sphériques { & , ® , 5 T V% 1 distance ; «~ : ascension drofte ; S:déclinai-
son), c'est-3-dire le paramétrage

[Q$J= [/2/“‘/5]7 (5= 42,3). (133)

L'énergie cinétique s'écrit =

g

T fé V = ;2{. i + 255 Ateests X ). (134)
U’ = - (135)
-

— A% . & .
LK= T - 7/,( = ’é(fziwlzé + 2% a(z)f-% . (136)

spirale

e, b
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, 0,}, et LK sont des quantités massiques (par unité de masse). Kest mis
pour "képlérien”.

Le mouvement peut étre obtenu par intégration des équations de Lagrange

4 ?f;),’i‘:;o. (137)
b\ 245 0a* .
L'angle K est ignorable (2L = O J, d'ol 1'intégrale premiére
(4
;_E; A%entE oL = constante = b, (composante du moment cinétique sur F} Ye(138)
L

Le systéme est conservatif (JL/dt=0), d'ou, puisqu'il n'y a pas de
1faison, 1'intégrale premiére de V' energie :

— 2 ) ¢ N
|+ 'Uk-_— K _ﬁ_i(&:’fg‘:fw&(xi}.ﬁ = constante = é ) (139)
2 A "2 5

qui sera utilisé & la place de 1'équation de Lagrange pour 2 . L'équation de Lagrange
restante, en § , peut étre écrite :

? : . 2
i(%‘)_ oL _ 01%)+¢Lw;&n; L = 0. (140)
L'utilisation des équations (138) (139) et (140) permet d'intégrer le mouve-
ment, Cette intégration est assez laborieuse, plus laborieuse qu'au paragraphe 1.2.2. En
robtient p

particulier le fait que le mouvement est plan ne s'o pas immédiatement comme dans
le cas de 1'utilisation de 1'intégrale prémiere du moment cinétique.

L'intégration conduit & :

@) > (141)
(44 ) (142)

9 = b1 - [a,e,0,0,0,M] (143)

sont les éléments orbitaux de tagrange, introduits au paragraphe 1.2.3. Il y a bien 6
constantes d integration

|,Q.IQ)
|£)~,Q3

q:[a,e,clﬂ,w,t"f—r. (144)

Comme au paragraphe 1.2.3, la donnée des éléments orbitaux ({& est équiva-
lente & celle des éléments QQ° , (45 . 1

2.3 - Formules de perturbations de Lagrange

Dans de nombreux probliémes de perturbation d'un mouvement képlérien (effet des
dissymétries du potentiel terrestre ou effets luni-solaires sur 1'orbite d'un satellite
artificiel, perturbations planétaires, etc.), 1'accélération perturbatrice 3y dérive
d'un potentiel perturbateur R= R (%7, £ ), fonction de la position J”et, généiale-

ment, du temps ¢
? = - VR . (145)

Les formules de perturbation des éléments orbitaux (94) - (99) peuvent alors
étre écrites sous une forme particuliérement commode, dite "de Lagrange", ol les seconds
membres sont exprimés en fonction des dérivés partielles 'D}?/qu du poténtiel pertur-
bateur par rapport aux eiéments c¢rbitaux f’é

Cette fcrme pourrait etre obtendeé, par un calcul assez laborfeux, en portant
1'expression (145) de ¥ dans les formules de Gauss (94) - (99) "en §P , % .
en exprimant Yes composantes du gradient VR en fonction des dérivées partielles. Mais
i1 est préférable, dans ce paragraphe consacrd & la mécanique lagrangienne, d'utfliser
1'approche éiégante suivie par Lagrange pour résoudre le probléme.

Le syctéme “perturbé” est encore un systéme & lagrangien :

L= TV (146)

s

o, cette fois, le potentiel v/devient B

V=V, +R =_F R, (147)

2
avec

R= R(@,£)= R(»,¢,3d,¢). (148)
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Si 1'on pose :
P oL T
- .
les équations de Lagrange s'écrivent :
P = ?_l: . (150)
s Qs
La méthode d' mtegration utilisée est encore une méthode de variaticn des
constantes. Elle cons1ste a effectuer le changement de variabTes (T41) (I47) portant 3
T2 fois sur les Q° et les Q ou les q9¢ sont maintenant varfables : ce sont les
elements orbitaux de 1'orbite oscu]atriceo p'oli, également :

. I3
(moments conjugués des (") (149)

py .
Fo= R(q). (151)
Les équations de Lagrange (150) deviennent

2PS C] = _9.__1: , (152)

A 9&3

et la dérivation de (141) onduit 2

RS =4 + 5

R gt = Q. (153)

Le but est d' eht‘nner les variables a et Q et d'obtemir des formules de
perturbation en (H . Cette élimination est possible. Elle met en jeu les crochets de

Lagrange : . s
Yoyl SRS X Ie

2’74[ 974’ 274[ 2—7}

quy peuvent étre considérés comme des fonctions des 4}, et qui sont en(‘faxt des cons-

tantes du mouvement képlérien, ce qui n'est pas évident a priori car §¢f = I varie én
fonction du temps. I est donc possibtle de les évaluer en un point particulier de
1'orbite osculatrice , érigée P par exemple, ce qui simplifie beaucoup les
calculs. Tous calculs falts, on obtient finalement les formules de perturbation de
Lagrange =

Ci: - ;‘2— .;}_8. (155)

a on

S = 4 [LQ_R__ R (156)

‘ hale e [ 7n

tewd 8 _ 4 2R {(157)

s habsni oL '\GL?{ fw

Lo bA :g_B_ s {158)

nabsny B¢

o= A QR _ b 2R, (159)

. hab 9 ’z‘fQ nale 5?2 (160)

M=z n + 72 2R L 160
. ne 24 T opate Ze
oll

R=R@ )= Ria,e, 0,10 ,1,¢). (161)

Un ver1fie évidemment que, dans un mouvement képlérien ( R - O, les

‘;A { L. 2, ..., 5) sont constants, et Cf‘ Mest fonction affine du temps.

2.4 - Application : perturbations des orbites des satellites artificiels dues aux
dissymetries du potentiel terrestre

I1 est bien connu que la Terre est sphérique en premiére approxmation@(Fig
26}. Si elle est supposée, de plus, formée de couches sphenques homogenes tout se
passe comme si sa masse m@etait concentrée en son centre, ce qui conduit 3 1°' expression
simplifiée du potentiel newtonien :

U=

utilisée en (21) et {135), et aux classiques orbites képlériennes.

En seconde approximation, 1a Yerre peut étre assimlée 3 un ellipsoide de révo-
lution aplati (2) . Le renf]ement équatoriel est responsable, en particulier, de pertur-
bations dites "séculaires”, qui, contrairement aux pe*turbatlons "périodiques”, croissent
Vindairement on fonction du temos. et peuvent donc devenir trés fmportantes_au bout d'un
temps suffisamment long. Ces perturbations, qui concernent les éléments 4 (ascension
droite du noeud ascendant), () (argument du périgée) et M (anomalie moyenne) (Fig. 27),
peuvent atteindre plusieurs degrés par Jour comme nous le verrons plus loin,

L' tnfluence des autres dissymétries sera é&galement é&tudiée de fagon trés
sommaire, qu'il s'agisse de dissymétries de révolution (par exemple, forme en poire de
1a Terre }, ou de dissymétries longitudinales {par exemple, ellipticité de 1'équateur
terrestre(4)).

(162)

ag
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Y
x
Figure 27
Figure 26 (Tres schématique).
Mécanique céleste
T (P,AM) A
perturbations des orbftes
Forme de ta lTerre des satellites
Géodéste dynanique
Figure 28 Figure 29

notons qu'inversement, 1'observation des perturbations des orbites des satel-
lites permet de se renseigner sur la forme de la Terre (géodésie dynamique) (Fig. 28)
ce point sera souligné dans 1'exposé [4].

Signalons enfin que, dans les études trés précises, i1 faut tenir compte du
fait que 1a forme de la Terre dépend du temps, 3 cause de 1'élasticité et de la visco-
sité de ce corps (théorie de” Love), soumis au champ de gravitation d'autres corps
célestes (Lune et Soleil).

’

Dans le cas général (Fig. 29), 11 faut utiliser 1'expression du potentiel

U= _ 4 (e
o v (Bee)
ol € est la masse volumique et A(Pdo y= Pz/é I

11 €st bien connu  que, a i extérieur du corps, le potentiel newtonien est une
fonccion harmonique :

(163)

Av/-_—_o . (16¢)

I1 est donc logfque de s'intéresser i la solution générale de (164), ou plutdt
a une famille de solutions suffisamment générale pour qu'elle puisse servir de base pour
repérer 1a foncticn U définie en (163). Ce sont les harmoniques sphériques.

La forme quasi-sphérique de 1a Terre suggére le choix de coordonnées sphéri-
ques pour reQ_grer la position du point courant . Soit donc F 1¢ centre de masse de
Te olerrs ot © o 165 aaés géoireniriques iiés a ia lerre {F1g. 307.7

H peut étre montré que le potentiel Eerrestre U, définf en (163), admet
un développement en harmoniques spheriques, que 1'on écrit souvenc H

V= - .ﬁ[/l w J£ (ag)€ P(sm )4.2 g )ﬁ Jm@n;b)(cl awtmA + _emﬁnm)«):l (165)

o L

"

M
(N
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S

Figure 30

en séparant les harmoniques zonaux {(m = O ) et tesseraux., Les termes en‘[:'1 sont nuls
car 1'origine est prise au centre de masse de 1a Terre.
Dans ce développement, (ke est le rayon equatorial de la Terre ;

Rec) = .;7’ A (. 4) (166)
Z
est Te polyndme de Legendre de dfgre £ "~
R a)={- acl)m/2 :{ P ), (167)
X

est la fonction de Legendre assocree H J} v Clm s Sg“ sont des coeff1c1ents qui__carac-
térisent le "corps" terrestre ; Jp est le coefficient de 1'harmonique™ zonal de
dggre FAN Ctm Sim  sont Tes coefficients des harmonfques tesseraux de degré £ et
d ordrern .

On posséde actuellement plusieurs modéles de potentiel élaborés & partir de
mesures de poursuite de satellites et de mesures gravimétriques. IV s'agit de :

- GRIM 3, modéle européen ;

- GEMT; , modéle du Goddard Space Flight Center ;

- WGS 84, modéle du DobD.

Ces modéles sont complets au moins jusqu'au degré et a )'ordre 36 pour les
deux premiers, et 180 pour le dernier. Cependant le modéle WGS 84 est classifié et seuls
les coefficients jusqu'd £=m = 18 sont publiés. Il reste le modéie de référence
utilisé pour 1a localisatfon des satellites NAVSTAR, situés & 20 000 km d’altytude.

Les modéles ne sont pas indépendants, puisque les mémes satellites ont été
utilisés pour les élaborer. Les coefficients les mieux connus sont ceux qui ont e plus
d'influence aux altitudes des satellites observés.

Des matrices de covarrances d'erreurs d'estimation existent, mais elles sont
rarement pubiiées.

I1 est important de remarquer que, le terme "d'aplatissement” 372 est
de_l'ordre de 1073 et que 1les autres coefficientsd,C ou S sont de 1'ordre de

10-6 3u plus.

2.4.2.1 - Potentiel perturbateur

Le potentiel terrestre L%donné en (165) peut étre écrit :

V= [)fl + R, (168)
on B o5t 1 putentiel perturbateur:
R=Z = R (169)
dzz p=o I
avec
R, = }i%’ B.Gng) (G asmAs Si oamA), (170)
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Afin de pouvoir appliquer les formules de perturbations de Lagrange (}55) -
(160), i1 est nécessaire d'exprimer R non plus en fonction de la position "géogra-
phique” (72, A, ¢p) du point (46, mais en fonction des &iéments orbitaux oscula-
teurs (= ,e,&, jehlet du temps £, comme indiqué en (161).
~ Le temps { s'introduit évidemment par 1'intermédiaire de 1'angle

@=(Fx,Fry)= n,t, {171)

?gignr-ot;ot)ion des axes 1iés 3 la Terre F*@%w 50, par rapport aux axes F:!:%é

Npest ta vitesse de rotation de l1a Terre = 1 tour/jour sidéral, ett est
alors 1'heure sidérale de Greenwich.

Un calcul assez fastidieux, détaillé dans le livre de Kaula [6], conduit a
1'expression : £ oo

R, = el g F 3z &, » ® (172)
) Lm a[“ pee \"’"P( V) qomes f’ C(?) (CL ,52,M, )
ou
¢ S, { pear
Sr = " Coy oL ; " S of ,Sé’cn +_m (173)
avec ‘qu g—sem} %Pq Cem % imrrl f'"\,nu‘r ’
)(‘{mq é{ Z{J)(U—,\—Gf—- 2})-;(1)[‘1-4 m (.:L-@) (174)

Comme i1 fallait s'y attendre, le temps U o 'apparait donc, par 1'intermé-

diaire de 1'angle ® , que dans les termes tesseraux ( mz* 0 ),
Les fonctionS Fy " " ({ ] €t Gy, (€] ont des expressions générales assez
compliquées. P Pl

Il est 1mportant de remarquer que, dans tous les cas, la partie principale de
& {e) est en 2/ | et que seuls les termes en =0 sont non nuls pour 2=0,
Lpq 9=

2.4.2.2 - Calcul des perturbations

Les formules de perturbation de Lagrange {155) - (160)

peuvent étre écrites
sous la forme matmcaene suivante

AR (94, t‘)
= C{:x + L (4 )[ ( (175)
ol ;_[u, correspond aux variations des éléments orbnaux dans le mouvement képlérien
oscuTateur : -
w T
Goc = [0,0,0,0,0,n7] (176)

et ot L est 1a matrice 6 X 6 de perturbation de Lagrange. Dans le potentiel pertur-
bateur R, donné en [169), Ve terme preponderant est 1e terme d'"aplatissement"

2

R, = pud _a__e Z ) € ) Ces ol (177)
avec 2% a* pq P( £f7( ) 2epq ?

oy = (2= 2p Y (2~ eI e

car 'Jl= -C; est de 1'ordre de 10-3 alors que les autres coefficients Cém et fpm
sont de 1'ordre de 10-6

i1 est alors commode de poser :

R= Ry + Re , (179)

ol Rc est le potentiel perturbateur "complémentaire”, correspondant aux autres termes
zonaux ou tesseraux. Les formules de perturbation (175) deviennent alors :

= e L[ 7080 ] Ty g0 2EEETT

(2
soit, en introduisant le "petit paramétre" 5—3 H i

fzm (‘14)* € ((n @)+ €t f(zr (‘14,» . (181)

La solution de (181) peut etre alors cherchee sous la forme d'un développement
asymptotique du type

‘74@)(6')* £ ‘I«m(é) +€* C/.(,,(k)+. (182)

iatruduction de cette expression dans (181), le développement du s.cond
membre par la formule de Taonr et J'identification des termes de méme puissance
en & permet, en principe, d'obtenir la solution pas-a- pas, par la résolution des
systémes dafferentie'ls correspondant aux différents ordres d' approximatfon.

'
-
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a) Solution d'ordre 28ro

La solution d'ordre 2éro est donnée par :

74(0) 'C(c; (b(;,), {183)

et correspond au mouvement képlérien non perturbé.

b) Solution d'ordre i

Lte terme d'ordre 1 est donné par :

, 2{e ()
_C_,.l(»t) = ( ¢’ qléﬂ + ’é@) (i4((/))j {184)

soit 95]

. - 2R - T
if@," ’Bﬁm(%(‘» Guwr * L(% _%:M:] , {185)

2
avec : qdm - %94 6)

R}_o (q{(\,) ) "(32 r,én‘ E)»Cf (CO)C—:}""I (eo) s (’(
o :

(x%rq )(C) = (2’ 71)) W, ""(2-— fo?) n@) P (187)
<°<2°r‘1 )(°’=( 1cf1) (8’ 2,1-}—(1)’16 . (188)

2‘?7)(07 ’ (186)

donc :

Dans le systéme différentiel (185), les qém sont des fonctions affines des

‘L@ . 1) est donc possible de superposer tes solutions. Or Y'expression (188) montre
qu'il }aut distinguer dans R,, deuX types de termes

1) Perturbations séculaires (2 - 2,7 +q

Lorsque 2 ~ 2p+ 9 =0, (o, )o, est constant par rapport au temps ; 11
en est donc de mémedd Ryipq )y et du add

’
xiéme terme du second membre de, (185). 0n peut
montrer qJde 1'intégration de (185) conduit alors 3 des expressions des ) affines en
fonction du temps. Ces perturbations sont appelees séculaires, car eNessont cumii a-
tives et peuvent devenir trés importantes au bout d'une durce suffisamment longue.
Tous tes calculs faits on trouve les résultats suivants :
Les é&léments &,e et: ne subissent pas de perturbations séculaires. M ne

subit pas de perturbation seéculaire induite par une perturbation seculaire sur @,
puisque celle-ci est nulle.
Les 8iéments L%, et H subissent les perturbations séculaires :
y a
.fl.s:-_i ("‘) HOLDSL‘, 5 (189)
W, = %f, ae§ No <5zcszc‘a-4) {190)
M =li3‘(4e) (—&)' h, (3ce: Go=t). (191}

Ces perturbations dépendent de Q., €o et U, . Par exemple, pour une orbite

circulaire (€ =0), basse (altitude Z, = 300 km), on a N, = 16 révolutions/jour = 16 X
360°/5, d'ob =

-(ZS = - 8,5 cosi, 7(}, R (192)
“'fs = 4,2 (500 1) Ui, (193)
Mgz 4,2 (Bartto-4) °/f. (194)

Ces perturbations séculaires sont importantes. .
te noeud N se déplace ~dans T6 sens rétrograde (-SL¢<0) pour une orbite

directe (0< ¢v £90°), d'autant moins rapidement Qque Jrinclinaison est plus forte, i1
n'y a pas de perturbation séculaire de la ligne des noeuds dans le cas d'une orbite
polaire (L, = 90°7.
5 Le plan de 1'orbite garde 1la meme orientation par rapport au Soleil lorsque
X 1°/§, donc CGesio v 1/8,5 et (,# 96°,75 (orbite rétrograde). Cette orbite est dite
“hefiosynchrone
a rotation du périgée P dans 1e plan de 1l'orbite se fait dans le sens du
mouvement { w > 0) pour une orbite d’inclinaison faihle (.2 3}, el dans le sens opposé
{we< M nnnv' une Sebite de forte anclinaison [ v, = 90) La perturbation séculaire
est nulle pour ¢, = Lc ou 180" - ¢, , ol t est 1'inclinaison critique «

Ancos L = 63°2¢7 {195)
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2) Perturbations & courtes périodes dues & J, (2 - 2P+q #0)

Lorsque 2 — 2p+ 955 0, ( Mwm)(o, est une fonction affine du temps, (chfq Yeor
est une fonction sinusoidale du temps, et i1 en est de méme du deuxiéme terme du second
membre de (185). L'intégration de (185) conduft alors 3 des expressions des 9¢

périodiques & courte période (fréquence égale a (2—7»'0+q Yne , donc période égale n
sous-multiple de Ta periode orbitale To )

U integration introduit Te facteur (1/ <)< (1/n.)2 103. Mais comme,
d'une part, nl est en facteur dans Ry, , par 1'intermédiaire de , et, d'aytre part,n,
figure en dénominateur dans les formu?es de perturbations, les dérivées q"s) sont bien
de l'ordre de 1'unité, et les perturbations sur les éléments orbitaux de 1'ordre de
'JZ:' 10-3. Ces perturbations ne seront pas détaillées.

¢} Perturbations d'ordres supérieurs

. 11 est hors de question d'étudier ici en détail les perturbations d'ordre
supérieur. On se contentera de quelques considérations qualitatives, pour mettre en
évidence les perturbations les plus importantes. "

L'étude précédente a montré qu'une bonne approximation de ‘\/bm était :

°'(Jmm=(j'2f))é5 *(j‘zl’”‘l)”'* m(ﬁ‘s* @) , (196)

avec

A =n, + N, (197)

4 ]
ol 'Qs""'s et Flg sont données en (189) - (191). .
t'intégration des formules de perturbations introduit le facteur 1/ . Les
perturbations les plus importantes sont obtenues lorsque £ est petit. C'est le probléme
des “petits dénominateurs”, classique en Mécanique Céleste. Cela conduit & distinguer,
de fagon generale

R 1) Les effets séculaires, dus aux termes tels que Z- 2p = ,{_ 2p+q =m= 0.
Alors L = 0 et 1'intégration condust, en fait, & un effet pro or{ionnel aut! temps . Ces
effets séculaires sont dus aux termes zonaux (M= 0), pairs (L= Zf).

2) Les effets 3 longue période, 1iés au mouvement rotation du périgée dans

le plan de 1'orbjte. 1}s dpparaissent pour les termes tels que 4_2p+ sm= 0 et
z(—-zlr.f: 0, donc o =-4¢> (§#0). Comme Gy, @)= 0( <!}, 1'effet, pour unge ‘orbite quasi
circulaire (22 0)est surtout important "ﬁour = + 1. Alors & J={l | << R . La période

est alors celle de la rotation du périgée dans le plan de 1'orbite, soit 86 jours pour
une orbite basse ( Z, = 300 km), polaire ( to= 90°). Ces effets & longue période sont dus
aux termes zonaux {m= 0), impairs (£ = 2f+ 1), dans le cas d'une faible excentricité.
3V Tes effets résonnants, dus au couplage entre le mouvement d'orbitation du
satellite et la rotation terrestre.
Dans l'expression :

xx (AL - 2P+q)n-—m révolutions/jour sidéral, (198)

le moyen mouvement n. dépend de 1'altitude %, de 1'orbite. Par exemple, pour 567 km
< Z,.& 894 km, on a 15> n"=14,
Les effets résonnants (&£~ 0) les plus importants correspondent aux condi-
tions A - 2p+9 =1, donc m= ldou 15 (& cause du facteur (4p/a ) , qui conduit a
chercher des £ petits) et g = 0 (pour avoir un effet direct important sur «, donc un
effet indirect important sur ). .
4) Les effets journaliers ou semi-journaliers, dus au termes d'ordre faible
{m= 1 ou 2). {orsque { - 2p+4g = 0, %= -mc> €st petit pour mpetit, par exemple
= 1, d'oll X~ .- 1 tour/jour, soit une période de 1 jour. Les effets les plus impor-
tants sont obtenus pour q= 0, donc .Z = ZP (termes tesseraux pairs d'ordre faible).

3 FORMALISME HAMILTONIEN

Le formalisme hamiltonien est encore plus abstrait que le formalisme lagran-
gien. Les variables utilisées perdent de leur sens physique, mais la forme condensée des
équations du mouvement (forme canonique) se préte bien a leur résolution et, en particu-
lier, aux changements de variables {transformations canoniques). La recherche d'une
telle transformation conduisant & des équations du mouvement particuliérement simples
suygére une nouvelle méthode de résolution du probléme mécanique :1a méthode de Jacobi.
Cette méthode trés appropriée pour le traitement du probléme des 2 Céntres fixes, est
d'assez peu d'intérét dans le cas du probléme des 2 corps. Cependant, elle conduit 3
définir un jeu de variabies canoniquement conjuguées, qui permet de traiter élégamment
le probléme du mouvement képlérien perturbé (formules canoniques de perturbations et
méthode de von Zeipel).
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3.1 - Equations canoniques

3.1.1 - Hamiltonien

Soit un systéme & lagragien, 3 ndegrés de liberté, de lagrangien L(q ,éi‘l
tes équations de Lagrange (132), rappelées ici : - =

d rob ) Pl ,

- =, ]~ &2 = = ‘. 99

d}c(ea‘ sqr = ¢ (=120, (199)
constituent une systéme de . équations différentielles du second ordre pour les

fonctions inconnues ). ~
Ce systéme est équivalent au systéme :

i—?—L = ”) (200)
L %‘.)_. g_‘:‘; o, (201)

de 2n équations différentielles du premier ordre pour les 2n fonctions inconnues q“(t);‘?(‘)-
L'inconvénient du systéme (200) (201) .est qu'il n'est pas entidrement résolu
par rapport aux dérivées premidres cqgv/qdb , da  /dt des fonctions Tnconnues <,

Pour obtenir ce resultat, il est nécessaire de choisir 2n avtres fonctions
inconnues. La forme de (200) et (201) suggére le choix (1‘(&) ) R,((—), avec

.. 2L
o= 52 - (202)
Fi est appelé le moment conjugué de c’” .

Lorsqu'on effectue, dans le systéme (200), (201) le changement de variables
qui fait passer des variables de Lagrange Y, 4¢ aux variables de Poisson e s gt on
trouve que les nouvelles fonctions inconnues P 1‘(4)d0|vent satisfaire le systéme
de 2n equations différentielles du premier ‘ordre, résolu par rapport aux dérivées

premiéres, et de forme particuliérement simple et symétrique :

q* = g—;’ ; (203)
S , (204)
. P 2
ou :

8 [
H=p - L = H (p. .9 ¢) (205)
est le hamiltonien (transformé de Legendre du Lagrangien par rapport aux variables 11 ).
€ systeme est appelé systéme canonique d'Hamilton.
De méme que, dans le formalisme Tag.angien, toute 1'information concernant le
mouvement étant contenue dans le Yagrangien . , dans le formalisme hamiltonien, cette
informaticn est contenue dans 1'hamiltonien H .

g L.a variable gv est dit jgnorable ou cyclique si elle ne fiqure pas dans
: . g 9 9
1'hamiltonien, c'est-a-dire si

g% =0. (206)
Lorsque Crest ignorable, 1'équation de Lagrange (204) correspondante peut
étre écrite :
P¢ =9© 5 {207)
dont ¥'intégration conduit 3 1'intégrale premiére
P = constante = a, . (208)
q" peut alors &tre obtenu par une quadrature finale, aprés la résolution du systéme
d'ordre 2n- 2 :

)
9t = g—:_ ) fFEC, (209)
f;f o (210)

ir sysi€me est g1t conservatif si la variable © ne figure pas explicitement
dans 1'expression de 1'hamiltonien, c'est-a-dire si

oH _ o,

5T (211)
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Or on a toujours :

AU 20 DH 25 AN QM /M OH /M \ yn _ OH
T Y S T

I

soft : op 1" op. \og /29 o /ol
01” = 2_}.‘- . (213)
. At ot
Lorsque Ye systéme est conservatif, on a donc
%: o, (214)

dont 1'intégration conduit 3 1'intégrale premiére de )'hamiltonien :

H= constante . (215)

Cette intégrale réduit d'une unité d'ordre du systéme différentiel restant 2
résoudre. I1,est possible de le rédufre d'une unité supplémentaire par le choix d'une
composante q* , ou méme d'une composante Py, comme nouvelle variable indépendante, en
considérant ‘alors que le temps ¢ comme une composante q“ supplémentaire (une varfable
ignorable puisque le systéme est conservatif),.

11 est,bien sir, impossible d'utiliser, comme nouvelle varivable indépendante,
le moment P, conjugué d'une variable ignorable ¢*, de méme que la variable ignorable
elle-méme. Autrement, le bénéfice de 1a quadraturt finale correspondante serait perdu.

De fagon générale, 1'analogie entre tes équations (204) et (213) d'une part,
et les intégrales (208) et (215) d'autre part, wontre que le temps L joue un role
relativement symétrique par rapport aux composantes 7*. Cette analogie peut étre
développée en posant L= g*** et en choisissant une autre variable de description Z
Cela montre en particulier que le rbdle de I)"*' est Joué par-}H , comme cela est
visible sur (213}, qui peut encore étre écrit :

d(-H) __ 24 (216)
2t

11 s'agit seulement de montrer comment se présente 1'intégration du probléme
des 2 corps dans le formalisme hamiltonien, afin de comparer avec 1'approche lagran-
gienne du paragraphe 2.2. - s

En coordonnées sphériques (Fig. 25), les variables g , conjuguées des X,
s'écrivent @

Pe ok_ 3 (217)
% L7
R= %e; RS, (218)
) 2 .
Po 20 = 2t evtd & (219)
<7 oz ’
ce qui conduit @ 1'vamiltonien : 9 2
2 B P,
He= T 19’=(P+_0_ ;"____)_[f. (220)
K ¥ Yk + Tt T %
L'angle o est ignorable, d'ou 1'intégrale premiére
P o_ -
P = constanfe = Ké’. (221)

L'angle ¢ pourra étre obtenu par une quadrature finale.

Le systéme est conservatif (2“/9(‘= 0), d'ol 1'1ntégrale premiére de 1'hamil-

2 2

3 > »

He = T+ ’l}’k= L('PJL 5, ke )_ L _ ansbank = g, (222)

2 2% JI"w"X A 4’;

gui s ra utilisée 3 la place de 1°'équatfon d'Hamilton en P, . De plus, le tempsff

pourra &tre obtenu par une quadrature finale, d condition de changer de variable de

description.
Les équations canoniques restantes peuvent étre écrites :

tonien ;

):‘= % =R, (223)
d = 2 5, (224)
. .IL»
o(:é?_ﬁ. = B.ar - "-:{:}r‘q':’ 7 ., (225)
¢ Y bt LT <
Y T . PN (226)
§ 25 Ales3S 12c0s35

Ce systéme peut étre intégré comme au paragraphe 2.2. On retrouve les trajec-
toires képlériennes.
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Dans cet exemple particulier, Y'utilisation du formalisme hamiltonien ne
présente pas un avantage marqué. Cependant la structure des équations canoniques
d*hamitton est plus simpie que celle des équations de Cdgrange, et le formalisme hamil-
tonien s'avére particuliérement intéressant lorsqu'il s'agit, par eremple, d'effectuer
des changements de variables,

3.2 - Transformations canonigues

L'intégration du systéme canonique d'Hamilton est évidemment d'autant plus
simple qu'ikh y a un nonbre plus important de variables i’gnorables. Or le nombre de ces
variables dépend du choix du paramétrage. Ayant effectué un certain choix i'nitiaI, il
peut étre désirable de changer de paramétrage en cours de calcul, tout en préservant la
forme canonique des équations. On appelle transformation canonique™un tel changement de
variables.

Théoréme

Soft F\ , q‘ , Un variables canoniquement conjuguées, d'hamiltonien H(f,ﬂ/()

q‘= %{. , (0= 402,00 ,n), (227)
P\.z_ b . {228)

On peut démontrer que Ya transformation :

/ N .

Fu F:(P' "]'lt) /(d:—(,zl,..,,n)' (229)
4;‘ 1" (p, ,q!‘,t) , (230)

est canonique, ¢'est-d-dire po, c]“' sont 2 variables canoniquement conjuguées,
d'hamiltomien H’(P‘,q’,t),sovt'

i

e M, (231)
’bPL’
., Wi
P‘ = —%;47‘. y; (232)
s1, et seulement si, 1a différence entre les formes différentielles :
w=p, a{({‘_ HAE (233)
et
w'= pldg- HdL, (234)
est la différentielle d'une fonction Fu (?_ ,q’,b), soit :
/ ¢ “y /i r Ay
W = ’)L d‘a_Ha{(‘_({)( 0{7 ~ H gi(,) _,_O(F,; ) {235)
On déduit de (235)
P = ?F' / {236)
/ 24,
P = - °F (237)
3 9 /e
H'= H ﬁ oFy , (238)
X3

I1 en résulte Ya méthode suivante pour obtenir une transformation canonique.
On choisit arbitrairemeat la fonction £,(9,9’,6), d'ol les retations (236)—(238). $1
les relations {236) sont solubles par rafport aux n variables g’ elles définissent
les équations de transformation (230). Les relations (237), ol les g‘¢ ont été rempla-
cées par les expressions obtenues, définissent les €quations de transformation (229).
Enfin (238) définit le_ nouvel hamiltonien.

On dit que £y est 1a fonction génératrice (de premiére espdce) de la transfor-
mation canonique.

3.3 -~ Méthode d'intégration de Jacoby

3 Soit a nvégrer un systeme canonmique engendré par 1'hamiltomien H. vune
mé thode de résolution consiste & rechercher une transformation canonique conduisant & un
nouvel hamittonien H’/ particuliérement simple, nul par exemple

H'= 0, {239)

‘
'
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cor alors, le systime canonfque (231) (232) , qui devient :

4 = o, (240)
F5 = 0, (241)
peut &tre intégré immédiatement :
61"{ = constante = , (242)
F:’ = constante =—-b , (243)

Supposons connue la fonction génératrice F (4 6{ (7) d'une telle transforma-
tion. Elle doit satisfaire la relation (238), qui compce 'tenu de (239),(236),(242) et en

posant :
S(ﬂ e )= F4<‘I_/i-,6); (244)
peut @tre écrite :
2_5..4. H(?iq—,q f:).. (245)

Cette equation aux dérivées partielles du premier ordre est a elee équation
d'Hamilton-Jacobi, &3 n+ ] varfables 9, . ta fonction§( 4 ,€;2) + a."*p‘p, ol a'-;” est
une constante additive arbitraire, en constitue une integrale compléte (famille de
solutions & h+T paramétres & /a-"“), de laquelle i possible de déduire sans
intégration toutes les solutions de 1'équation.

Inversement, supposons connue une solution $( 4 €52 de 1'équation (245)
dépendant de n co'lsfantes arbitreires &, non additives (S+ an *‘ est donc une 1inté-
grale compléte). La fonction :

4 !
E(ﬁ/ﬁ/6)=s(ﬁ/é;ﬂ/) (24)
est la fonction génératrice cherchée. Ffn effet :
H'= u(f,j,e) 95 . H ("F‘ q, é)+—._1 H 9 ) =0, (247)
Les fonctions (H p‘((f) sont obtenues sans fntégration. Les premiéres
sont telles que (f) ¢ -
- * a
”S(?)’ 2) b, , (248)
dat

ce qui les définit implicitement en fonction du temps et des 2 constantes arbitrafres
a, b.

Ces fonctions étant connues, les moments conjugués sont obtenus 3 partir des
relations :

P ()= 93(3((7)/6}5>

¢ - ”———9 "

L'intégration des équations canoniques est donc ramenée a }a recherche d'une
intégrale Complete dé 1 equation ¢ Hamilton-Jacobi.

. (249)

Remarque : Séparation des variables

D'une fa«;on genorale, on peut montrer que 1 mtegration du systéme canonique
et 1a recherche d'une intégrale compléte de 1'équation d'Hamilton-Jacobi sont des
prob!emes équivalents (les traJectoires dans 1'espace des phases 4 f sont les carac-
téristiques de T équation d'Hamilton-Jacobi). Cependant dans de nombreux cas impor{an{s
Te second regolt une solution simple par séparation de variables, et la méthode de
Jacobi n'est utilisée pratiquement que dans ceite hypothese.

On dit que les variables 4 et E figurant dans l'édquation (245) sont sépa-
rables s'i1 existe une solution de 13" forme :

Sz 3, (q‘;a")+S, q%a )+t S, (7";5:‘)+S;((7;a"). (250)

L'équation d'Mamilton-Jacobi correspondant a l'hamiltonien H, donné en

(220), s'écrit : o

ot JL( ) ,;;‘f)"gz;zé 9—- J ﬁ O, (251

dont 1'intégration est possible, bien qu'assez jaborieuse, par separation de variables.
On retrouve les trajectoires képlériennes.

\‘ZZ
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La encore, 1'intégration du mouvement képlérien par 1a méthode de Jacobi est
comparativement plus lourde que 1'intégration par les théorémes généraux. En particulier
le fait que le mouvement est plan n'apparait ici que trés en aval dans 1a démonstration,
alors que le résuyltat peut €tre immédiatement obtenu par application du théoréme du
moment cinétique. Cependant 1a méthode de Jacobi permet 1a détermination des
constantes a®, b, (constantes de Jacobi)

(Ct_—__. E , CI.S‘:‘#\, , “:-ﬂw:i 7
= (L

o (252)
b‘:z z b;: w be( ;

4

dont la connaissance est essentielle pour 1'étude des mouvements perturbés considérés
plus loin.

3.3.4 - Deuxiéme application : intégration du probléme des deux centres fixes par
TeIngthode 6g Jagobt~—~ oo otEs
Le mouvement d'un point matériel autour de deux points matériels fixes
dans 1l'espace absolu, qui 1'attirent selon la lo1 newtonienne (fig. 31), peut étre
complétement intégré de fagon particuliérement commode par la méthode de Jacobi, car les
variables sont séparables en coordonnées sphéroidales. Ce résultat est particulfdrement
important en Astrodynamique, car, pour un choix convenable des paramétres, {masses Mmq et
my , distance b4 ), te mouvement ainsi intégré constitue une excellent approxima-
tion du mouvement d'un satellite artificiel autour d'une Terre 3 symétrie massique non
sphérique. On peut rendre compte du terme en Jz2 (cas M, =y ) et méme en J3 (cas
mazt My ), Ce mouvement peut servir de solutior 4e base pour une 6_t_ude de perturdations
par_les autres termes du potentiel terréstre (et [es puissances de J, at, éventueliement
de J3). Par rapport a la méthode classique utilisant le mouvement képlérien comme solu-
tion de base, la précision e.t globalement améliorée dans un rapport 103,
Ce calcul ne sera pas developpe 1Ci. Le lecteur est renvoye & la référence

[7.
Z
A
{m}
M,
(/)
6
y
A,
X (my) i
Figure 31

3.4 - formules canonques de perturpations

3.4.1 - Formules de perturbations

Dans le cas d'un mouvement képlérien perturbé par le potentrel perturbateur I,
1'hamiltonien peut étre écrit :

H=T+7JQ’=T+-Q/Q;(+-R-:_ HK+R} (253)

o 1'hamfltonien "képlérien” [y est donné en (220).

Supposons (ce qui est le cas ici) que le mouvement képlérien, engendré par
1'hamiltonien Hx, ait été intégré par la méthode de Jacobi, c'est-a-dire qu’il ait été
possible de trouver une fonction génératrice r; | & ,q/, &' aqui engendre une transforma-
tion canonique (P ,Q )p—> (P/, Q7 ) telle que le Touvel hamiltorien H;< soit nul

Hi= He = 2B = o f254)

Noaw
vai
e

75 1'¢étlude du mouvement perturbé engendré par l'hamiltonien H , donné en
(253), 11 est possible d'éliminer le terme Mg, c'est-a-dire d'éliminer la partie

"intégrable” du mouvement, en appliquant 1a méme transformation canonigue que

precedemment. En effet, 1e nouvel hamiltonfen :

‘= M+ 281 - 4 oF _
H v e = K*‘R"‘?b - R {255)
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est €g9al 3 )'hamiltonien perturbateur R, qui doit étre évidemment expriné en fonction
des nouvelles variables canomquement conjuguées Q7’5 PL . Ces varfables ne sont autres
que les constantes d'intégration a$-bg (é1éments ormtaux) du mouvement képlérien. La
méthode utilisée est donc, ici encore, une méthode de variation des constantes.

Dans le formalisme hamiltonien, les formules de¢ perturbation peuvent étre
gcrites immédiatement™:

Q= R (256)
rd
5/ - ?a___‘;}__ (257
. 'DQ’S
ou
R=R (p’,&’t). (258)

De plus, ces formules sont sous 1a forme canonique, particuliérement commode
pour les manipulations ultérieures.

Expliciton. le systéme (256) (257) =
e E) '()R , Ab - _3_& 0{@“{&) R
Ak 7(” A& = Stw) A TACH) (259)

dez) _ 2R dewy_ _ oR ,dey 2R
ﬁ; oCe) ’ E(ZF 2% dE T Gy

od R est supposé exprimé en fonction de E -'in *Btwsd , T, w .Ilet E.

11 est évident sur (259) que les variables -E‘:’ ﬂﬁw, ; T,w, LL (variables
de Jacobi) sont également canoniquement conjuguées, 1* haml'ltomen correspondant etan
chaque instant, ces variables définissent les e'lements orbitaux de 1'orbite kep\e-
rienne osculatrice au mouvement. - -

Hous utiiiserons de preference dans la suite, un autre systéme de variables
canoniques, les varmiables Delaunay, qui a eu une grande importance dans le deve1oppement
de la théorie d& Ta Luné et qui reste un des systémes les plus efficacement utilisés
dans les problémes de perturbations. Vérifions que les variables de Delaunay :

{ Lz Vha G=dh , H= fucost (ne pas confondre avec 1'hamiltonien H )
l M= n (k- t)) = v&_ -, (260)

{M= anomalie moyenne o= moyen mouvement, h2a3:,,L)
sont canoniquement conjuguées et calculons 1'hamiitonien qﬂ correspondant.,
Une condition nécessaire et suffisante pour que Va transformation :

(—gl‘e‘—/'&w’c/b;t/w/ﬂ/—k) F-—*?(L,é,”,",’j/g; ‘1‘:,¢>

soit canomique,est qu'il existe une fonction F4 (E,L,(;) telle que

~Td € 4 Relb—(LdL Pk )= cJE(E,L,t)(di feérentielle exacte) s (261)
2
portant o _,_ of 7= b é- _L__( dans (154}, ta CHS s'écrit :
(,1_ Al +(R+¢)d,(— a’F"(L 6)(d1fferert‘helle exacte). {262)
Cette condition est verif\ec 51 et seulement si :
t) + ( _ 2
?L aL_ -vg 3 (263)
d'ol
R+ ¢ = + Consfante ; (264)
212
11 suffyt de prendre
p= K _R
= - K. (265)
2%

L'hamiltonien ¢ doit étre exprimé en fonction des variables de Delaunay.

* Ceci est 3 comparer avec les développements des § 1.3.1.3 et 2.3.

Lhd 1tv

ke
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La méthode consiste & résoudre le systéme canonique :
de _ 20 de_ 08¢  dd_ o
&= & T Eg' Zy (266)
wh - )
par ungsérie de changements de variables canomques 1ndependants du temps, rea\ipiés a

1'aide de fonctions cénératrices du type £5% que nous noterons F (LG M é’,g,
Le changement de vanable est

L= L G= 2F ) u. 2F
, 52’ 29 , 7% (267)
/[: 2!_-_ , g/= .aL_ 4 J:: gf 7

Ls H
et 1'hamiltonien est conservé : ¢p'= ¢ . La fonction génératrice I=,arbitraire, est

cho\sie de fagon que ¢/ ne dépende pas d'une des variables angulaires dont ¢ dépend.
L'itération de Ja méthode permet d' e11m1ner toutes les variables ?ulaares et Ta
derniére expression (b4 de 1'hamiltonien n'est plus fonction que de L7 , &7 et LY
Les trois premiéres équations finales :
" / v _‘Q” " V]

di =2 ., , el 20" _ o dH 005 , (268)
montrent que L”, G”, et ¥ sont des cons%antes Portant ces valeurs dans les trois
derniéres equations finales :

" " 4 " ] [}
d = - 21) :Cé'e=‘1_e ,—oi&-: 9¢ =ckesh dg:_.)é =dle = =Ny (269)
ax oL b 26" &= 5

on voit que 2 s g s etv& sont fonctions affines du temps. On revient dux variables

initiales L , & , A, .4 , 3 1'aide des diverses transformations {267),
¢

L'application de cette méthode permet, en particulier, de retrouver simplement
les perturbations séculaires {189) - {191).

4 - MECANIQUE VARIATIONNELLE - LIEN AYEC LES THEORIES D'OPTIMISATION

L'évolution des systémes mécanfques considérés plus haut est régie par un
principe vamationnel giobal (minimum de 1'"action"), dont le principe Ges puissances
virtueHes n'est qu'une expression locale (dans le temps c'est-3-dire "instantanée").
11 s'agit de rappeler ce principe et de montrer le lien entre cette mécanique variation-
nelle et les méthodes modernes d'optimisation, comme le Principe du Maximum de
Contensou-Pontryagin (Fig. 1).

4.1 - Principe du Maximum de Contensou-Pontryagin [8, 9]

Le \ecteur est certainement familiarisé avec la théorie c¢lassique du calcul

des variations et 1'utilisation des équations d'Euler. Cette théorie est suffisante pour

traiter Te probléme de la mécanique variationnelie. Cependant, le Principe du Maximum de
Contensou-Pontryagin, qui en est une generahsatvon, présente 1'avantage de pouvoir étre
egalement utilisé dans 1'étude des trajectoires spatiales optimales de 1a Seme partie.
C'est pourquoi nous 1'introduisons dés 3 présent. 11 sera appliqué, 3 titre d'exemple,

2 la mécanique variationnelle, puis largement utilisé dans 1a 5éme partie.

Soit un systeme évolutif quelconque, défini a chaque instant £ par 1a donnée
du vecteur état Xz oo Je R™, vecteur colonne & h composantes ¢ { ¢ = 1, 2, = |
(par exenple coordonnées de posit!on composantes de la v1tesse, masse, etc.

L*évolution de ce systéme est gouvernée par les équations du mouvement :

61(? w ,t), (270)

od U= l}t‘}]ék est le vecteur commande a /& composantes U¥ ( J= 1, 2, ..., ), qui
co

sont “des fonctions arbiTraives du —temps (par evemple : position des youvernes, orienta-
tion et grandeur de la poussée, etc.), soumises 3 des ntraintes (par exemple
débattement maximum d'une gouverne, poussee maximale, etc telles que

u € UcRr®, (271)

PRG4NE)= (9097 E =g

byt

PP
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- ¢
ol U’est le domaine de commande. Les% sont des fonctions généralement non linéaires
des arguments, que nous supposerons sutfisamment réguliéres [8] pour que les résultats
qui suivent soient valables.

Le probléme de Pontryagin ( Fig.%2) consiste & chercher 1a loi de commande optimale

qui fasse passer des conditions inftiales fixées : R

x
t, fixe (272) [ T;
2(t)= x. fixé (273) (1))
aux conditions finales =
(:f fixé ou non , {274)
2 ) = 2 fixe (&
f_qf xé | 1, 2, ...,m), (275) %, ,
telles que Ya fonction linéaipre des composantes non fixées EN *
de 1'état final : S= G« (L’ =mid, ..., n), (276)
CP F) (ﬂ s >’ Fig 32

soit maximun.
Cet_énoncé parait assez restrictif. En fait de nombreux problémes d'optimisa-

tion peuvent étre ramenés a un probléme de Pontryagin. (Problémes de Mayer, de Lagrange,
de Boiza ; voir [2]). Un exemple de probléme de Lagrange sera donné plus loin.

Pour résoudre un probléme de Pontryagin, 11 suffit ¢

1) d'1ntroduire un vecteur adjoint P:[})j , vecteur ligne & n composantes Ft' H
2) de former 1'hamiTTonien 2 ¢
He H(p,z ,u t)= p% = p f(z,u.bt); (277)
3) de déterminer, a chaque instantn,- 1a commande optimale _(,_l’¥ qui maximise cet hamlito-
nien :
* - ¥ ,
U = arg max H= u (_/_)//3/{:)’ (278)

4) de calculer 1'hamiitonien ma;imal, en portant 1a commande optimale dans
1'hamiltonien :

» + + .
H'= H (f,g,t): H([?,g,u (f'?'é)'t)ﬂ'l’é‘%} H; (279)
5} enfin, de résoudre le systéme canoniaue engendré par H* h

2o oH* (280)
’ ?"
P. = o ¥, (281)

(
D2t .
par rapport aux 2n fonctions inconnues ‘() f)‘\((—), avec les conditions d'extrémités
x'(lt,) = 7! fixe (n) (282)
w(p ) z;é £1xé (283)
Pfs(ffﬁ p (284)
toest fixé ; L‘fest fixé ou, s"i) est libre, i1 est calculé 3 partir de :

H’(é() =o0. 285)

) La méthode est simple. La résolution est cependant, en général, difficiie,
mime par voie numérique, car e probléme se raméne 3 la résolution d'un systéme diffé-
rentiel non linéaire avec conditions aux deux extréms tas.

) o h est fmportent de souligner qué Té Principe Maximum n'est qu'une condition
nécessdireg d'optimalitéd : si une solution optimale existe, elle satisfait au Principe
Tu"ﬂaxmu[n. Mais ellg n'est pas suffisante : 1'application du Principe du Maximum peut
gonduire 4 des selutions parasites qui ne correspondent pas a un maximum global, ni méme
éventuellement local, de 1'indice d2 parformance.

}(n)
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La démonstration du Principe du Maximum peut étre trouvée dans [9]. Nous en
donnerons un apergu dans un cas s1mp1e qui peut étre traité en fafisant appel au calcul
des variations classique. Les hypotheses simphhcatrices sont :

1 - pas de contrainte sur ja commande (U = R?)
2 - on chierche seulement a rendre & stationnaire.
3 - Fest fixé.
pour rendre S stationnaire, i1 faut et {1 suffit d'annuler la variation

= G gkﬁ(bf) (286)
Dans cette expression, les variations 54/’(67) ne sont pas indépendantes, a
cause des contraintes non holonomes (270).

Une méthode classique d' élimination de la contrainte (270) consiste a intro-
duire un nultiplicateur de Lagrange (inconnue auxiliaire) P(£), vecteur ligne an
composantesf fonction du temps (putsque 1a contrainte 270) doit étre écrite 2
chaque Msta t), et a rendre stationnaire 1'indice de performance ugmente

S-.jfp(x_{pﬂ,é S j (fofz_ilaé(), (287)

ou H est 1’ hamiltonien (277). tLes h fonctions inconnues P‘&) sont déterminées a
posteriory grace aux n contraintes (270).
La variation de I s'écrit :

5T = Gu3%] ﬁf?fw_ [ . 2 &_/.jau} , (200)

premiére

aveg

& (b
J:ff'm'l‘ :J:ff”“;f = [_P I Lf“ 4/&0 f_’f_ﬂ_f ot , (289)

Compte tenu des contraintes initiales (273) et finales (275), on a

dz, =0 (290)
gw; =0 , {291)

et (288) s'écrit :

5ot e pale,

o, grace a 1'introduction du mulnphcateur de Lagrange P(‘,), les vecteursoc} et
du peuvent étre considérés comme indépendants. La condition &

6I=o , Yz ,Su, (293)

conduit alors a (281), (284) et 3 :
b” = 0O ; (294)

'au

qui est 1a forme "faitle" de (279).

L'approche de Contensou [8], d'ailleurs antérfeure 3 celle de Pontryagin, est
plus géomitrique. Contensou introdust les notions de domaine de manoeuvrabilité et de
domaine accessible (Fi 33).

Le domaine dg manoeuvrabilité D(Q’l{')_, dans 1'état Z , & 1'instant t , est
le domaine de T° espace Rodographe {coordonnées %% ), ¢l peut etre choisie instantanément
Ta v1tesse'x . C'est donc le transformé du domaine de commande U par les &quations
{270), & 2 et € constants.

Le domaine accessible A((?), 3 1'instant f fixé, a partir du point Z 3
1'instant l; est T ensemble des points 2(&,&) de 1'espace d'état {coordonnées ¢ ),
accessibles®en donnant a la commande «(t) Toutes les "valeurs” possibles. ta connais-
sance de la frontiére @ h,) du domaine acceccible pormet de ris0udré Ya piupart des
problémes d'optimisation i1ntéressants dans la pratique. Par exemple, la résolution du
probléme de Pontryagin du paragraphe 4.1.1 dans le cas particulier ol {1 n'y a aucune
contrainte finale de type (275), revient 3 trouver la loi de commande optimale u*‘(é)
conduisant au point k’(ef)de la frontﬂere’b/l(",&)le lus éloigné dans la direction du
vecteur € de composantes (o0t fci, =1, no 1. Le balayage de la direction
de ¢ permettrait d' ailleu*spde déterminer 1a frontiere’aA('f)

=

1P

1

a
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CONAINE DORAINE DOMAINE
de CONNANDE .2 de MANOEUVRABILITE R ACCESSIBLE

ua

a. Point regulier xX€D )
b . Point“onquleux” Fig. 35
¢ . Commutation ou arc singulier .

Fig 34 . Condition du Maximum : %*= arg max(Hzpx)

La condition du maximum (278) (279) indique que, localement, le point de fonc-
tionnement X (vitesse) doit étre choisi dans le domaine de manoeuvrabilijté DCz ,t),
ag point 4£x le plus &loigné de 1'origine dans 1a directicn du vecteur P, aqui indique,
en quelque sorte, la route 3 suivre (Figs. 33 et 34). Notons que $3 le domaine de
manoeuvrabilité I ne dépend pas de 1°6tat 2z , les équations adjointes (281) montrent
que P est constant, donc -

f= f4= ¢ . (295)

Considérons, par exemple, le cas simple a deux dimensions (Fig. 35) ou 1le

domaine de manoeuvrabilité est, en tout point %X , un disque D de rayon fixé, centré en
X . La trajectoire est alors rectiligne, de % & =x/, et la frontiére PA(s) du domaine

aCcessible 3 1'irstant £f est un cercle centré en xo .

St le domaine de manoeuvrabilité est un disque D de rayon fixé, mais excentré
d'une quantité fixéed(Fig. 36), la trajectoire est toujours rectiligne, mais non coli-
néaire 3 P=C et 1aFrontidre JA(tf) est un cercle excentré par rapport 3 % .

“Lle vecteur P sert bien encore i indiquer la direction 3 suivre, mais
1a direction réellement suivie tient compte de la forme particuliére du domaine de
manoeuvrabilite. Elle n'en maximise pas moins T indice d¢ performance &

BA(Ls)

Fig 3
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Considérons maintenant le cas ol le domaine de manoeuvrabilité est un dis-
que D('f) centré en z , mais de rayon croissant avec x% (Fig. 37). Dans ce cas,H*
dépend de x et P n'est plus constant, & cause de (281). Il est évident que pour
s'éloigner "au maxXimum dans Ja direction ce ¢ , il y a 1intérét 3 se déplacer d'abord
vers les x*>0. Le vecteur P sert bien encore 3 indiquer la direction a suivre, mais
en ttgnant compte de la dépehdance du domaine de manoceuvrabilité D par rapoort 3 la
position pc .

bbby 4y g
g __ 1T zw g
Poost s
W 3A(ty) @ E)

Fig 36 dconvD DNdconv D
Fig 39

Considérons enfin le cas ol le domaine de manoeuvrabilité est identique dans
tout le plan et a la forme indiquée sur 1a Frg. 38. C'est le cas d'un vorlier dans un
vent umforme W . Il est possible de "remonter le vent" en utilisant la vitesse 2
(resp. ¥ ), ce qur condnt au pornt x5 &p)(resp. xX(f)). Mais i1 est également
possiblé d'atteindre tout point X((f) duTsegment (af¢p , z:(&) ) par une succession
de virements de bord c"est-é-dire par des commutationS successives {utilisation de 92,“
pendant &F, ,puis de %% pendant Af, €TC.T. A Ta Timite, pour des virements de bord
"infiniment" rapides, 1a, trajectoire est le segment ( % , 2> ). Cela revient 3 utili-
ser 1a vitesse fictive Z¥sur le segment (2%, z% ). Ains1 le domaine de manoeuvrabi-
1ité peut étre convexisé. Contensou propose de construire le domaine convexisé comv D
(Fig. 39) dés Te debut. Les points de fonctionnement o timaux sont sur sa frontiére
DeonvD . Les points de D "réellement” utilisés sont ceu¢ de 1'intersection D/ DwonwD,
L'utilisation d'un point tel que X d'une partie semi-arfine artificielle de Deomv-D
équivaut a une réticence. Contensou poursuit alors 1'étude par un paran trage de QconvD
et se raméne a un probléme de calcul de variation, qui est a rapprocher de celui étudié
au paragraphe 4.1.3.

Le Principe du Maximum sera largement utilisé dans la Séme partie, pour

1'étude des trajectoires spatiales optimales. Mais donnons dés & présent un exemple
simple d'application dans le cadre de 1a mécanique variationnelle.

4.2 - Application & 1a mécanique variationnelle

Le Principe du Maximum de Contensou-Pontryagin utilise un formalisme hamilto-
nien, qui n'est pas sans rappeler celui rencontré dars la 3éme partie consacrée a 1a
mécanique hamiltonienne. Cette similitude n'est évidemment pas fortuite et peut étre
éclairée en faisant appel 3 la mécaniquz variationneile. Il est bien connu en effet que
1'évolution d'un systeme & lagrancien obéit & wun principe variationne?! de "moindre
action”, ¢ i peut étre déduit des équations de Lagrange ou de Hamilton.

Principe de moindre acticn ¢ ‘

'SoTt'u% Tsystéme a"1ayrangien L(ﬂ «ﬁ/t). De tous les mouvements q(H faisant
passer des conditions : €, ,
le mouvement réel (régi par les équations de Lagrange ou de Hamilton) eSt
rendent minimum J’'action lagrangienne

- (€ s 4
A= (4,
o 1

; {On n'est pas assuré de 1'unicité de la solution. En effet, les conditions
imposées ne sont pas les conditfons de Cauchy pour les équations de Lagrange).

-
Peed

‘un’de ceux qui

\ I
A (296)

o~

£;) =q. fixés, aux conditions : &g, 4\/—‘)=ﬂ: fixés(Fig.40)y
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v

to t t

Fig. 40

Vérifions cet énoncé, en appliquant le Principe du Maximum de Contensou-
Pontryagin.

Définissons 1°* etat a N+ 1 dimensions =

[x 1= l ;/ qn+1j (J:»l,z,,...,m/;[:/,:/,,,/n,),(zgn

g J L(c] ) db (298)

Les équations du mouvement s*écrivent :
A

Lo c}”:uc , (299)
g(%/u-/e) ; q’"*‘:L(c’U,tL“‘,{:), (300)

.
Le probléme d'ontimisation se raméne a choisir les commandes »L"((‘) (vites-

ses), telles que el
5=—<7 tr)=-A (301)
soit maximum, avec les conditions d'ex)trémités, a 'ffo et 6f fixés s
le - [ .
9 ( qo fixé , (302
C}””(e) (303)
(fp que . (304)

C'est un prob\éme de Pontryagin, qui peut étre résolu en appliquant la méthode
exposée au paragraphe 4.1.2.

1) On 1ntroduit 1'adjoint

P [ﬁg IE [ﬂ ) Pres ] (305)

2) On forme Y’hamiltonien (augmenté)

_ I ¢ ¢ _ ',Z__ ¢ ' ( ¢l t)
= H(py 9 /u,t)_Fez = pout+p,, L(qu,E) (306)
3) On le maximise par rapport 3 1a commande £ . Pour les systémes mécaniques 3
lagrangien de la forme (146) L= T_U’ que 1'on considére ici, U ne dépend pas des ?‘ .
Le lagrangien [ est alors, comme 1'énergie cinétique T , une forme quadratique définie

positive par rapport aux cﬁ ‘ul . £n supposant que Pae ‘<0(ce qu{ sera vérifié par la
sufte en (313)), cela revient & écrire :

on
Br< b s B = O ,
14
La commande optimale est tirée de (307) en fonction de PL X et €
A = u (py, gt t). (308)

4) ()n porte cette expression dans H , qui devient alors une fonction H*

d ppagt et
= i (&/‘Iﬂ) H(/&M{/ *(/’4,0] £),6). (309)

[
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5) On résout le systéme différentiel canonique
ATy (310)

afg ’
P€= - qu , (311)

CL
avec les conditions d'extrémités (302) - (304) et

net mel( f)"’ ,fff' = ~d. ) o {312}
donc Comme ¢  est i1gnorable (55;+'=0 ) sona p, = O
Pm': constante = Pnu(t-f )=' -1 <o, (313)

par {307) on a alors

f) = oLt _ 2oLk (314)
¢ us ’bq

Les sont donc les moments conjugués des (¢ , définis en mécanique hamil-
. 1

tonienne.
On vérifie d'autre part aisément que

~y R ;
B*(p ,-4,9t) = Hp ,4.6) (315)
est Y'hamiltonien de Ya mécanique. .
Tes équations canoniques (310) - {311) s'écrivent aiors, pour q et /)‘

3¢ oH
= — {316)
C’ ’apt
5 = — 28
Pe 5 (317)

Ce sont les équations c.moniques d'Hamilton de la mecamquelr,u reg Jssent le modve-
.ment reel.

5 ~ TRAJECTOIRES SPATIALES OPTIMALES

L' Optmisanon des trajectoires spatwa]es et, en particulier, des transferts
et rendez-vous, est 1'un des domaines privilégiés d¢* app\icatuon du controle optima
ors que 1'étude des mouvements naturels des corps dans 1'espace a été entre-
prise depuis fort longtemps et & conduit au developpement bien connu de 1a Mécanyque
Céleste dont certains aspects ont &té rappelés dans les Parties 1, 2, 3, 1'étude des
mouvements propulsés optimaux est evademment beaucoup plus récente [10-26,2-5 3, bien
qu abordée assez nettement avant 1'ére de la conquéte spatiale proprement dite. Seuls
les aspects déterministes {c.d.d non stochastiques) seront considérés i1ci. Le texte qu1
sult est, a quelques détarls prés, le texte condensé figurant dans [25].

5.1 - Définition d'un transfert optimal

Les équations du mouvement d'un véhicule spatial (/(6 dans un systéme de
référence galiléen {ou assumﬂe a un systeme galileen) Ozaé, s'écrivent

Yan = F - m% (318)
-
ol mes_t,,la masse instantanée, JL Ta position, i {2, £ te champ de gravita-
tion et F=mw 1a force de poussée due & une ejectton de masse, avec le débit —m = ©)

a 1a vitesse d'éjection relative effect\ve w

~» De fagon generale, un "transfert” est un changement de position =z et de vi-
tesse Y du véhicule, c'est-a-dire le passage des condjtions cinématiques inmtiates &,,
o, Vo' oaux condruons cinématiques finales L‘(., fzf '\'/? . Les mouvements naturels
etud:es plus haut sont des transferts particuliers, de cout nul. Le transtert peut etre
conpletement 1mposé (cas du “rendez-vous"), ou partiellement libre {par exemple, dans 1o
cas d'une "interception”, V§ est libre).

Ce transfert doit étre effectué de facon ontimala, Ozrei lgs uumurLUSES tagons
de définir cet onticum, s2ole 12 mimimisation de la consommation de masse, c'est-a-dire
1a maximisation de la masse finale m€ sera considérée Jci, car ce probleme est souvent
rencontré dans la pratique. Cependant les néthodes présentées sont trés générales et
pourrafent étre utilisées pour résoudre une grande variété d'autres problémes {par
exemple : transfert a temps minimum).

1], s'agit donc de choisir i chaque instant Jes meiHeurs paramétres de
commande : D = F /F {(direction de poussée), q=-r5n(débit) et F (grandeur de 1a
poussée], conpte tenu de contrafntes éventuelles,

11 sera supposé ici que Te systeme de contrdle d'attitude du vnhicule permet
1a libre orientation de la poussee, mais des résultats concernant le cas od la direction
de poussée est contrainte sont également disponibles.

Les contraintes sur c! et F dépendent du systéme de propulsion considéré.
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5.2 - Modélisation des systémes de propulsion

. Les systémes de propulsion considérés le plus souvent sont des deux types
suivants?

Dans ces systémes, les contraintes s'écrivent =

W= F/q: constante

et
0 F € Fpax (systéme 3 poussée complétement modulable) , (319)

ou
F=0 ou E‘M\x (possibilité d'extinction/réallumage). (320}

$i 1'extinction/réallumage peut étre "infiniment" rapide, (320) est théorique-
ment équivalent 3 (319). -

Selon 1a grandeur de 1a poussée maximale I, , il est possible de distin-
quer :

- les systéme, a forte poussée ( F,,m,grand, w petit), c'est-d-dire 1a propulsion
chimique classique. Parmi eux, les systémes 1déclisés a poussée infinie ( Frnay ~»00 )
ou systémes impulsionnels sont capables de délivrer des impulsions, c'est-d-dire des
chafigeménts 1nstantanés de vitesse v~ . Un exemple en est donné dans 1'exposé [3].

- les systémes a faible poussée F;Mypetit, Wgrand), c'est-a-dire la propulsion
électrique.

pour tous ces systémes VEC, la masse instantanée M peut étre avantageusement
remplacée par Ja vitesse caractéristique

[ m
0-:5 Y(;u‘ = - J(W/}R)O{/WL = WL"Q"(MO/M—)t (321)
& Mo

ol 7=F/m est 1'accélération de poussée. L'indice de performance 2 maximiser est
alors -

Chre
FPour un systéme de propulsion impulsionnel, CF est 1a somme arithmétique des

impulsions
G= Z AV,

Pour ces systémes 1a seule contrainte concerne la puissance d'éjection :

0g P=(@R)qW'= Fw/e = F' /29 < R

MeLx *
Ces systémes sont des systémes de propulsion électriqge d faibie poussée. 11
est possible de montrer aisément que seule la borne supérieure Tmax doit étre utiliséde.

La vitesse d'éjection W , et donc la poussée F , peuvent étre modulées.
L'intégration de la quantité

"'":'/mq-‘——— \‘YL/Z Pm:\x p)
entre t‘cet t , conduft a

("’/m)— (4/h1a)= J/P;n:\x ;

£_-
J= (4/7,){(_ YEAE (322)

peut remplacer avantageusement M . L'indice de verformance a maximiser ect alors ....'};r,
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5.3 - Optimisation paramétrique : le transfert de Hohmann

L'étude des transferts optimaux a été, tout d'abord, limitée au cas d'un champ
de gravitation central et de systémes de propulsion impulsionnels. 31 1'on admet,
pour 1'instant, que le transfert optimal est alors réellement impudsionnel, une méthode
simple de resolution, trés souvent utilisée dans la pratique, consiste 3 fixer a priori
le nombre v d'impulsions (le plus souvent .= 2) et de <&terminer le point d'applica-
tion, la direction et la grandeur de chacune de ces jmpulsions, pour que leur somme
arithmétique soit minimale. Le probiéme est ainsif ramené a un probleme classique d'opti-
misation paramétrique avec contralntes, qui peut étre résolu numertquement (voir, par
exempie, 1 6xpose 131) ou meéme analytiguement dans les cas simples L utll\satlon de
manoeuvres atmosphériques peut étre envisagee, comme dans 1'exposé [26].

pPar exemple, il peut Ztre montré aisément que le transfert optimal bi-impul-
sionnel, de durée indifférenie, entre orbites circulaires, coplanaires, est le transfert
de Hohmann bien connu (F1g. 41).

Cependant, pour étre en mesure de déterminer le nombre optimal d' impulsions
{par exemple, dans le probleme exposé en [3], trois impulsions sont necessalres) et de
pouvoir tra1ter le cas de systemes de propulsion non 1mpuls1onne.s, il est nécessaire de
faire appel a4 une méthode d'optimisation plus élaborée, 1°* optimisaf!on fonct1onne]le, et
plus précisément Ye Principe du Maximum de Contensou- Pontryaqxn qui a été présenté dans
1a 4éme Partie.

A 4

Fig. 47 . Le transfert de Hohmann.

5.4 - Transfert optimal dans un champ de gravitation général

L'état du véhicule 3 1'instant £ peut etre défini par Q V et J (PL)
ou C (VEC). D'aprés (318), les équations d’état s'écrivent :
[3

>
=V, (323)
5,
V—“jr(/t)ﬁ—?‘b (324)
et, d'aprés (321) et (322)
+
2
J=Y% (e (3252)
’
C =Y e (325b)
g

Les commandes sont D et Y{ , soumises, pour les systémes de propulsion VEC,
aux contraintes (319) :

OS ¥ < b/mm(: Fmax /m<C), (326)
ou (320).

Le probléme consr§te_ﬁa passer de 1'état Nos \@ , Jo=0ou (o= 0 3
trinstant €, , a_1'étay (%}, Y £ ou CF ) & l'instant ép de fagon que 1'indice
de erfornance.—ﬂk ou~Ce soft_s aX!mﬂl Lol comgiticns cimémaligues initiales et/ou
Tinaies, t,, et b , , Vi peuvent étre partlellgment libres. Ce probléme =st
typ1quement un prohleme de phrtr agin (dy moins si L,, T, ,Vo sont fixés, ceul cas

L‘hamiltonizn s'écrit : considéré ici).

- e (P > p?i/i(m,
AR M “’{P ¢ PL' *FV{XD*%@L)]? Y (veC),

- > ,_
oi P,, Py, Py ou P sont adjoints aux &léments d'état ’l, v , J ouC.
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L La direction optimaie de poussee D* , qui maximixe j , est }a direction de

_—# o " $ u
P, appelé le "primer vector [12] =

> x —_—
DF = Py /PV
L'hamiltonfen s'écrit alors :

r~ 2
H = 'P X + PJ ¥ /2' + termes indépendants de la commande.
v F
<
Pour les systémos PL, H est maximum par rapport & X pour &

DK//DX= Pyt P; ¥ =0,

2 9
) H/bY = PJ < O (condition qui sera vérifiée plus tard),

[
[R-3
~
~—

¥
X = - P\/ /PJ ¢ {
La poussée optimale est modulée.

Pour les systémes VEC, H est maximal par rapport a 7)/ pour

Y= v, ©) ‘U,(Pv, Pe) s

max
ol u(x)est 1a fonction de Heaviside (échelon unité)
U(x) = (1 + signex )/2 = 1 ou @, selon que :rZ o .

La poussée optimale est un "tout-ou-rien" c'est-a-dire une alternance d'arcs
3 poussée maxinale (AMAX) et d'arcs balTstiques (AB),sauf dans le cas singulier od

oH/o% = p, v+ p. = © (328)

pendant un intervalle de temps non nul [ &4, L‘L]. Dans ce cas la seule Condition du
Maximum ne fournit pas 1'accélération optimale ¥* . On obtient un arc singulier AS, Gui
peut étre soit un arc singulier & poussée intermédiaire (ASPI) ou uf arc singuiier réti-

cent (ASR) (voir paragraphe 4.1.4) seton que {319J ou (3207 est utilise,

L'hamiltonien maximal est

¥_ =D 7, o /> '—PZ/ZP Po)
HE =PV + pv»,?(ﬂ,{:)+_ Xm“‘;(c) QJ)/(P\,*FC) {VEC),

ol 2}(7‘% ’)Cu@)est 1'échelon unité de vitesse.
Le systéme adjoint s'écrit :

?!1: — H¥ Jo% = _ W’,Gf‘ , (329)
'P}:-BH*/?VL — Pr (330)
{ py= — OH' /2T = o, (PL) (3312)

.= - OHF /3C = —-@/X/W’)(Pv-f R ), (ve) (331b)

> .=
o G= Qq/wbest le tenseur gradient de gravité. ¥
1 faut noter que J “est ignorable (c.a.d. ne figure pas dans H ) mais non pas
C car le domaine de commaade pour , donnée par (326), dépend de .

Pour un systéme PL, 1’'integration de {331a) conduit &

P7 = constante = P = - 1 <0,
puisque c'est ~ Jyqu'il s'agit de maximiser, d'ol, par (327) :
f Yo o
= PV .
I’

, Pour un systéme VEC, P, < O, donc Pcoest nop croissant. Plus précisé-
ment P.= 0 et P.= constante lorsque Ev*PcSO ; c'est-a-dire sur les AB et les AS.
Par exemple, sur une trajectoire ne comportant que des AMAX et des AB, 1'évolution
de P, ,-Pc et F peut avoir 1'allure indiquée sur la Fig. 42a. Sur les AS, 1'accéléra-
tion cptimale (ASPI) ou 1’accélération moyenne (ASR) Y¥ peut étre obtenue par dériva-
tion successive par rapport au temps £ et sur 1'AS, da 1a candition do cingularitd
{328), Jusqu'a obtention d'un équation contenant ¥ . Cela se produit généralement pour
12 dérivée quatriéme :

d"(?fi/a‘d)/ﬁﬁ =Q ¥+ B=o0

par 1'intermédiaire du terme & , d'aprés le résultat général qui veut que Ya commande
optimale apparafisse(de facon affine) dans une dérfvée d'ordre pair (22 ).

Arhfrar b
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Impulsion d'extrémité

\ / Impulsion intérieure
~-Pc ¥
#l-s " T Cae W IS I il T
4

AN N

t ot t 4 !t

a b

Fig. 42 - Evolution de pv et - p. et Joi de poussée optimale.
al systéme VEC  b) systéme “umpulsionnel”,

L'accélération de poussée optimale est alors égale i
Ve -8/a,
et 1a condition nécessaire d'optimalité de Kelley-Contensou [18, 21] s'écrit
2 2 ~ [Yy 2
CAY o™ (2H pox) /U™ ] /oY = L)@ = <o, (332)

puisqu'ici 2 = 2,

Pour les systémes impulsionnels, Pc= constante = - 1, D, £ 1 (Fig. 42b), et
les impulsions ne peuvent étre appliquées que lorsque P\, = 1 ; pour les impulsions inté-
rieures, on a py= 0. Sur un AS, P\/ = 1, Le raccordement d'un AB et d'un AS se fait
généralement a 1'aide d'une impulsion. — ))

Dans le cas d'un champ de gravitation @ indépendant du temps, en plus des
intégrales premiéres habituelles du systéme 323) - (325), {(329) - (331), apparait
1'intégrale premiére de 1'hamiltonfen :

¥
H = constante 3

car »

HY = on¥ /’Dé‘ = 0.

Les conditions d'extrémités, et en particulier les conditions de transversa-
11té, dépendent du probléme particulier 3 résoudre. La difficulté de résol:tion du
probléme différentiel non Vinéaire, & valeurs imposées aux deux extrémités, dépend de la
complexité du champ de gravitation considéré.

5.5 - Transfert optimal dans un champ de gravitation uniforme

—

L'approximation ¢ = constante peut &tre faite lorsque le transfert a lieu
dans une région limitée de 1’espace (par exemple, hypothéses : terre plate, = ¢ons-
tante, dans le cas d'un missile balistique 3 courte portée). L'approximation % = 0 peut
étre faite loin des masses attirantes {transferts interstellaires). 2, KN —

Le systéme adjoint cipématique (329) - (330) devient alors p.= 0 et Py =P
et peut étre intégré selon : P> = constante et v

-

R= - e+ By

La Joi d'orientation de_ }a poussée est_affine on homographique selon le choix
..._..{_S___ Vs

des axes. Si _1a position finale est Vibre { ',: = 0) ou ST Ta vitesse finale

est 1ibre ( . = 0}, l1a directioh de poussée est fixe. Dans les cas non singuliers, ol
% 3£ 0, le 'comportement hyperbdolique de pv(t) montre qu'il y a au plus deux AMAX (ou

3 la limite deux impulsions) séparés par une AB.

5.6 - Transferts optimaux dans un champ de gravitation central

Ce probléme est évidemment fondamental. L'approxfmation du champ central
-~

% = - }/.I> 43 ( lAs constante) (Fig. 43)

est généralement excellente pour 1'étude d'un transfert géocentrique (plus généralement
planétocentrique}) ou de 1a phase hiliocentrique d'un transfert interplanétaire.
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£19. 44 - Spirale de Lawden.

Pizn de O

Fig. 43- Champ central. Le centre est F, “Foyer”
des orbites képlériennes osculatrices

Historiquement, le probiéme a d'abord été €tudié en utilisant les coordonnées
cartésiennes (ou pluto* sphériques) cemme composantes d'état. Cette méthode reste encore
intéressante pour 1'étude de certaines questions comme les arcs singuliers ou les condi-
tions de commutation [19, 22] dans le cas des transferts de durée intifyérente. 11 est
généralement préféradle d utiltiser les é1éments orbitaux afin de pouvoir faire appel aux
méthodes puissantes de 1a Mécanique Céleste et en particulier de la théorie des pertur~
bations expoiée dans les Parties 1, 2, 3. Le passage d'un systémé de coordonnees a
Trautre peut étre réalisé élégamment en utilisant des transformations cznoniques (16]
rappelées dans la 3éme Partie.

5.6.1 ~ Utilisation des coordonndes cartésiennes (ou sphériques)

L'équation adjornte {329) pour F: devient, sous forme matricielle
. 2 ©
_P}:"f_)j G=-]s, TW]Q,&//& 0 -4 O]:(F//I})[-ZS/T/W] s (333)

—y
o0& p, etG ont été définis par leurs composantes dans les axes orbitaux tournants cGXyZ
{Fig. 43), en particulier py = | S, I,wl.

L hypothese du champ centra] mtroduit de nouvelies i1ntégrales premeéres

-—ﬁ
N P’V + V/\ 0 = vecteur constant = A
{ 57 + 2%, p,b_\/ - 3IHFE = constante = B (pour les systénes PLY,
o> 7
—PCC+ %, ;?,Z-V Py - B U é‘ = constante = I3 (pour les systémes VEC

sur les AB et les AS, et pour les fmpulsions).
L'élimination de P,” entre (330) et (333) conduit &

D e
.:(/,(/-43)(53__ >.
Cette equation différentielle vectorielle linéaire du second ordre peut étre
intégré sur un AB [12], ce qui conduit 3 :

S= dﬁwrv+32xmv+ toI (‘l’")/

B Vt&mm +Q(/{Lewm D.. (/f'smm e Cos 7/) 4_&:.1_ &), (334)
& W (}vws'v’ J‘gnv—)/fz;(ewxv—)} )/( j

o € est 1'excentricité de 1'arc képlenen, VYV oest V! anomalie vraie (Fig. 43}, U’Z‘ %

<, D, ,F sont les six constantes d'intégration et _1,,’(’1/), .Lz(v') sont des fonctions
connues de a7, non explicitées ici. Ie lion C?)d” potat 3(,,,,.,,‘”‘.-- Tes axes el Xy 4

est appelé ie "primer locus" (i2].

Si ow Taisse de coté les questions d'origines, d'orientatfon et d'échelle, les
arcs singuliers dépendent de 4%rois paramétres. La cendition nécessaire de Kelley-
Cartensou (332) conduit 3 S< 0. €n particulier la "spivale de Lawden" (Fig. 44) [12]
n'est sGrement pas optimale. L'étude de 1 optimalitd véritadble des arcs singuliers qui
satisfont 3 1a ccadition nécessaire conduit au résultat stivart : dans les transferts de
durée indifférente ( U¥= 0) entre ellipses extéricures 3 la plandte attirante, les arcs
singuliers ne sont jamais optimauvx.

@

[l
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65.6.2 - Utitisation des é1éments orbitaux

Comme i} a ét€ vu au paragraphe 1.2,.3, la doanée a 1'instant £ des é1éments
cindmatiques R,V du véhicule ¢/6 est équivalente 3 1a donnée des six 61éments orbitaux
9 = 1, 2, ..., 6}, constantes du mouvement képlérien qui définissent lorbite
osculatrice O (Fig. 43) et 1a position de 26 sur cette orbhite. Lorsqu'on utilise 1'état
orbital 4 =[q J,les équations d'étav coincident avec les formules de perturbation de
Gauss (103} de la Mécanigue Céleste

dq /At = K@, )Y, (335)

-
ob K est 1a matrice de perturbation 6 X 3 et ¥ =[5 %, ] est ta matrice 3 X 1 des
composantes de 1'accélération "perturbatrice“§ dans les axes srbitaux tournants cOXVZE,
c'utilisation des éléments orbitaux présente de nombreux avantages :
- L'intégration sur les AB (Y = 0) est immédiate : 9 = constante. .
- Pour les systémes qg propulsion 3 faible poussfée, les é¥éments orbitaux varient moins
rapidement que 5.V .

- Les conditions d'extrémités font souvent intervenir 1'orbite osculatrice O elle-
meme ,
Une théorie générale peut étre développée i partir des équations d'état (335),

mais c'est dans trofs cas particuliers que 1'¢tude analytique peut étre poussée relad -
tivement 1oin.

5.6.2.1 - Théorie linéarisée : corrections optimales d'orbite elliptique

Lorsque la vitesse caractéristique C{ est petite vis-a-vis de la vitesse
orbitale moyenne V' , i1 apparait un "petit paramétre” € = C¢/\/ dans le probléme,
qui pevt alors étre linéarise comme indiqué au paragraphe 1.3.2. L'intégration des
équatiops de perturbation (335) montre que, pendant le transfert, 1'orbite oscula-
trice (O ne s'écarte jamais de plys de &€ par rapport 3 1'orpite initiale O., ou engore
par rapport & 1'orbite finale Op, ou enfin par rappert i une orbite nominale O ,
choisie assez proche de QO et O¢ 'lécarts de 1'ordre de € ). La linfarisation est effec-
tuée "autour de O ". Rappelons ‘que 1a lindarisation des formules de perturbation (103)

conduit 3 "figer” 1'orbite osculatrice O dans sa position noninale O dans le second
membre de {338}, qui devient

dﬁ/y‘{g: JZK(Q/E)}_/ ’ (336)

ol IS est grandement simplifiée : ses &léments non nuls sont des polyndmes en SinE,
cos £ et Eventuellement £ {Tableau 2). i
L'équation de consemmation (325) Vindarisée s'dcrit :

g AT JdE = 2 ¥* /2, (pL) (3372)

AC flE = Y (vee) {337b)

o 4= 1 - @wnE . pour les systémes VEC, 1a contrainte (326) lindarisée s'écrit :
O{XSXP‘M\X?— FMAx/mo'

t.a maximisation de 1'hamsitoanien :

Ix

(J/AE xl/
00= v (de ME)L Py e ) p2¥ /2 (1)
f(j/ ) pedC/dE %P I+ !;Z/LY (VEC)

¥ T
\.{ F o PV /PJ ’ (rL)
L

- = Tmc; (u'@v""PC)EJ—/PV 4 (VEL)

Pt Py PPy Ry P
est 1'adjoint orbital, et
Pr=pkCéE)

est le "primer vector”, dont il a été question plus haut et qui peut étre Scrit scus la
forme vec:oriwe :

par rapport a la ¢ommande Y foyrnit 1'accélération de poussée optimale :

—y —_— —_—> > oy — — -~
Po= 20 Ve XA+ [RAV H(Fo /4 )] % b py -0 3MY ), (338)
-~y = o s
o = %AV est le moment cinétique. La similitude entre les expressions (333) de p;
et (52) de 5% n'est pas fortuite (voir (2]).
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Dans 1'hamilitonien maximal
-2pr /2
%*—.—_ max&ez PV / PJ /
¥ 2 )’max U}(Pv'f' PC ) 7

toutes les variables d'état sont ignorables. Donc )'adjoint [ P, Prouft ] est cons-
tant. En particulier PJ =Pc s -1 et

i PV p (PL) (339a)
¥'= Ym:,( Up,-) P;—/Pv (VEC) - (339b)

—
L'expression (338) peut étre considérée comme fournissant,1'évolution de Pv
sur 1'arc “balistique” 0 . Les composantes correspondantes de Py’ sur les, axes orbi-
taux tournants #4CXYZ sont donc de la forme (334), od les constantes (£, e .o
, F sont 1iées aux composantes (constantes) de F '

- -— —ry
Pour un transfert sans rendez-vous, 00 P-= - 0o Py et donc Y sont
périodiques en E , de période 27 : la méme loi de poussée est appliquée a chaque

révolution.
Lorsque (339) est utilisé, les formulies de perturbation (336) deviennent :

o(q/a(é'— 2 K¥*=ak Y*(PV/PV (Y /Fv)" KK’ (Y‘y//’ >B)o

ol B "Z‘(Kest une matrice symétrique 6 X 6. Donc, par integration de E,a E‘f on
obtient &

1= %-9=6p9", (340)
ol é_f: -
g:JE (> /p,) 8 de (341)

est une matrice symétrique 6 X 6.
Le colit est obtenu par |ntegration de (337)
E

a7 = Je= @/Z)J %p%ll:' b. )J A ,ol(KT TAE =0} (/2)] PBF TAE = %)Pﬁlo (342a)
AC= (= fr XMX U (p,-4) HE. (342b)

¥

Pour les systémes PL, (341) fournit aisément la matrice (¢ , car Y- [’ et
les éléments de B sont des polyndmes en sn& ,c05E et éventuelTement E . Comme la
matrice & ne contient pas P , le systéme (34D) est linéaire par rapport aux fnconnues
{composantes non nulles de” }'adjoint orbital et variations non imposées des e!enents
orbitaux). Par exemple, si toutes les variations des éléments orbitaux sont imposées,
1'inversion de (340) conduit i =

F= A&;T g—ﬁ

et (342a) donne y
) sq & 4q ., (343)

Le colt est une forme quadratique des voriations des éléments orbitaux. Le
probléme est complétement soluble analytiquement (c¢'était un probléme linédaire-quadra-
tique). Pour un transfert sans rendez-vous (Pr = 0) en un nombre entier N de révolu-
tions f—Ec = 2N}, (343) se simplifie en :

AT=[1op-£0)] {2A(§+ ep-e* e g (a2 5 (1-¢ 1o + 11/5_4 )]t } . (344)
Pour les systémes VEC, les points de commutation, ou les extinctions ou
1eaHunages se produxsent, sont donnees par Pvz 1, ou encore JZ'P =2, soit :

2P = P fy szKKTf pEP = d-earE,

Pour un transfert (Pr = 0), il y a auplus six solutions en E , donc trois
AMAX ou fmpulsions par révolution. L' lntegration sous forme explicite de (341) sur les
AMAX (7’- \/m,,‘,) est aénéralement imposccible 3 rance do la précarco do P sy dfngmina-
teur de 1'intégrande. L'inversion de (340) est egalenent d1ffic11e, car & contient
Le probiéme ne peut étre résolu analytiquement que dans un nombre limité de cas. Deux
exemples sont donnés ci-~-dessous.

'\

KN

s
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La seule composante de P qui ne soit pas_nécessairement nulle est fa .
L'expression (338) montre alors que-le "primer vector" P, =2p.V est proportionnel a ia
vitesse V7. La Yoi de poussée optimale est trds simple (Fig. 45 .

Pour un systéme VEC, Aa /N Vimay €t AC} Yimax Peuvent étre exprimées sous
forme paramétrique en fonction de 1'anomalie excentrique £ du point de commutation, &y,

2 - Transferts_optimaux, multi-impulsionnels, entre orbites quasi circulaires,

Proches ~ ~ -~ " - T - T ST oo ST Esosm s mmmmm e m T ”

Pour un tel transfert, défini sur Va Fig. 46a, il est possible de prendre € =
O , et le "primer locus” (©) est une ellipse (Fig. 46b). Si le transfert prend plus
d'une révolution, cette ellipse doit se trouver a 1'intérieur de la sphére = de centre
et de rayon 1. Les points de contact avec <X correspondent aux points d impulsions
sur V'orbite (Fig. 46¢). 11 y a quatre types de solutions : I, II, IIl et I' ; les types
111 et 1' sont singuliers (P, = 1}. Le domaine accessible avec la vitesse caractéris-
tique AC peut étre représenté par ses sections Aa= constante dans }'espace tridimen-
sionnel Ae//, Aey , A‘;, (Fig. 46d).

Fig. 45 - “Primer locus” et loi de poussée optimale.
a) systéme PL ; b) systéme VEC

d

Fig. 46. Transferts optimaux, multi-impulsionnels,
entre orbites quasi circulaires, proches.
b6/3=26C/V, ] définition du transfert b} “primer locus” ;
by 0 ¢} loi de poussée optimale ; d} domaine accessi:
ble avecOC{Imitd 3 Ia régionAe// 20
Neldl >0 )

ey
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5.6.2.2 - Transferts de durée indifférente {systémes VEC)

Dans ce cas les transferts entre paraboles sont théoriquement de codt nul,
puisqu'ils peuvent étre réalisés a 1'aide d'impulsions infiniment petites, appliquées
infiniment loin ; i1 est donc possible de séparer les phases elliptigue et hyperbolique
de tout transfert. 11 reste donc trois probTémes :

1 - 1'acquisition optimale du niveau parabolique (c.a.d. n‘importe quelle parabole) &
partir d'une ellipse ou d'une hyperbole (et inversement) ;

2 - les trensferts ellipse-eliipse ;

3 - les transferts hyperbole-hyperbole,

four les tranc.erts de type 2, toute poussée peut étre décomposée en parties
appliquées au cours des révolutions successives. Un rvendez-vous éventuel ne colterait
pas plus que le transfert correspondant. £n effet, i1 serait suffisant pour le réaliser,
d'attendre, par exemple, assez longtemps sur une orbite in%ermédiaire trés proche
de 1'orhite finale. Dans cette théorie, on peut se contenter d'utiliser 1'état orbital
réduit T= [a4]) (£ =1, 2, ..., 5), en laissant de c6té le sixiéme &1ément orbital,
utite sEulemznt pour les rendez-vous. Il est également commode de prendre ta vitesse
caractéristique C comme variable de description (11, 14].

Les formules de perturbation {335) deviennent :

di fde = k()2

A
ob K est 1a matrice de perturbation rédufte 5 X 3. ¥

- Les commandes sont la direction de poussée P’-/B’ (matrice 3 X 1) et 1'ano-
malie vraie v [11, 14], car il est tou)ours possible d'attendre sur l'orbite oscula~

trice O jusqu'd ce qu'une position convenable soit atteinte. L'hamiltonien est :

A A A A A
H:P(ofa}/dC):P K D= pd,
AA L B3 L= X [ ' T
ok py=PK est le "primer vector”. [ est maximun pour D= Pv /P, et ators pour la
valeur ~ o* qui assure le maximum absolu de la fonction p @) " Un changement brutal du
point de fonctionnement V¥ est uné comhutation. La réticence entre deux {ou plusieurs)
points de fonctionnement Vit a* correspond aux arcs singuliers alternatifs (ASA) qui

ne sont jamais optimaux (1a condition nécessaire (332] de Kelley-lontensou n'est pas
rempiie).

A

Lorsque ta dimension du probléme le permet, cette maximisation de M peut étre
effectuée en considérant le domaine de manoeuvrabilité &h(q), c'est-a-dire le domaine
de 1'espace "hodoyraphe” (Clq‘/dC,Jq‘/olC, v ,dq5/dCY obteénu en dgnnant aux commandes

D ;v toutes les valeurs possibles, pour une valeur fixée de g {voir paragraphe
4.1.4). Par exemple, dans le cas d'un transfert entre orbites eliiptiques coolanaires,
d'orientation indifférente (Fig. 47), 1'état orbital peut étre définm par & et b «
o1 ~e* Y2 (demi-petit axe) seulement, et le domaine de manoeuvradbilité D est la région
3 quatre pointes représentée en grisé sur la Fig. 47b. Le point optimal de fonctionne-
ment ( 4 o*) est nécessairement choisi dans 1'iatersection DMun/d de D et de son
contour convexedumd({rectangle P*A+t P- A~ ), c'est-a-dire parmi les qudtre pointes
pr, At ,P", AT, qui correspondent & ¥"=0 ou 71 et (indépendamment) 4/ = 0 ou TC.

1 dbsdC re
y “ [
AV Y= 0) Plvi0vs0) /

de /dC

/0

P (v=0W¥:m) i A(venWz=n)

Fig. 47 Transfert entre orbites elliptiques, coplanarres, d'onientation indifférente.
a) notations ; b} domaine de mancey vrabilité:
de IdC = (\:/na’ (_s-n Toiny+ (Lcs VR AXN E)(.os ‘P_]
db]dC = (4fn) {e sn@sin? + [24e(wse-cos E)JLO}‘P}

¢) transfert bi-elliptique
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La nnussee doit donc etre appliquée seulement au péricentre ou & 1'apocentre
et wangentiellement vers 1'avant ou vers 1'arriére. Le choix de la “pointe" de fonc-
tionnement dépend du signe de Pe et Py . Les conmutations peuvent étre étudiées & 1'aide
du systéme adjoint. 11 peut étre montré que le transfert optimal appartient 3 1a Tamille
des transferts bi-elliptiques (Fig. 47¢) et 1a comparaison directe de; colts ue tels
transferts (le COUt depend d un paramétre, la distance de 1'apocentre intermédiaire A )
montre que le transfert optimal est soit de type Hohmann sort biparabolique (Fig. 48).
Entre cercles, le rapport de rayons limite est /zf//zc = 11,94.

Bien d'autres résultats analytiques sont disponibles dans le cas de la durée
indifférente [19), en particulier pour ies transferts entre ellipses coplanaires ou
coaxiales et les transferts entre hyperboles.

Par contre, 1'étude des tansferts de durée fixée nécessite le plur souvent une
approche numérique. Cependant, 1'étude analytique peut étre poussée assez loin dans 12
cas particulier ci-dessous.

5.6.2.3 - Transferts & temps fixé, & grand nombre de tours , entre orbites
eiliptiques (systémes PL)

te nombre N de révolutions du véhicule autour du centre attractif est supposé
grand. Il est alors possible d'utiliser une méthode de “moyenne”. On calcule tout
d'abord le colt éiémentaire dJ pour une révolution par 1a formule (344) (dans laquelle
1'homogénéité a été préalablement restaurée). On chorsit ensuite le trajet optimalq t),
dans 1'espace d'état orbita) réduit, de fagon & minimiser le codt total : -

- f
\/f = J 0(j .
¢
Les résultats principaux de cette approche sont :
1 - le colit J est une fonction lindaire du temps H
2 - V'énergie £ = (3i/z > . ( r(/fz\ de 1'orbite osculatrice (O est une fonction
quadratique du temps ;

3 - pour un choix convendtle des axes, le systéme différentiel des trajectoires opti-
males prend la forme si1)le suivante

d¢/JJ= * )‘-Cot'az% - 60%2.45 coste - fﬁf ¢ Sl é)nquA/L’
a(xl/ow = wse) mw fgtd sl

(a0 [ = (w@l¢ - f62¢ sl )eost

0{&/0{9 = (4/5' )+ 7‘%‘2¢ sntw 5

oit 6 est un “D,eudc-cemps”. ¢= Arcone ot est une constante.
La Fig. 49 montre un exemplt de trajectoire optimale en forme de spirale.

A i
max(A,, Ay)
v -

u

0 V_Z_..._@‘/zz@lzeﬂous_i. e

1 v 0 1 11,938

Fig. 48 -Dixcussion du type de transfert. Fig. 49- Projection de la trajectorre de
transfert sur le plan de O,,.

c 1
Joes

= Renaez-vous 1nterpiane taires
el

-y
, Dans ce cas, le champ d¢ gravitation o4 @’/t) est trés compiete. 11 rés'ite de
1'attraction du Solef]l et des planétes dv systéme solafre. Le probléme d'optimisation
est généralement simplifi{é en négligeant 1'attraction des planétes pendant 14 phase
L€liocentrique du rendez-vous et 1'attraction du Soleil et des autres planites dans

chaque “phase planétocentrique, et en raccordant les différentes solutions "champ
central™ zinsi obtenues. -

RN R
! u\i,,n,m t
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Le passage auy voismage d'une planéte ou d'un satelhte naturel peut donner
lieu 3 un effet de "tremplin", qui peut &€tre utilisé pour 1’ optimisation.

Pour Tes systemes de propulsion "impulsionnels", le transfert de Hohmann
(Fig. 41) est encore le transfert optimal bi-impulsionnel entre deux planétes massives
sur des orbites circulaires et coplanaires. Chagque impulsion doit &tre appliquée aussi
prés de 1a surface de la planéte que possible.

La propulsion électrique (Fig. 50) est particuliérement intéressante pour les
voyages vers les planétes lointaines.

A Colt de la pha+e héliocentrique
Jo (kW/kg)

13 avril 1972 ~

tg =3 mois

O,
15 sept 1971
13 mai 1971 p({ 70-2
18 mars 1971 ™~

«— 107 ms™* 10

to =184 jours

1968 ' 69 ' 70 ' 71
a b Date de debut de 1a phase héliocentrique

Fig.50 - Rendez-vous Terre — Mars. [13]
a) trois exemples de rendez-vous correspondanl 3 une durée héliocentrique Co =184 jours = 6 mois
b) coiit de la phase he//ocenmque en fonction de I3 date du début de cette phase

CONCLUSION

Nous espérons que cet exposé introductif aura convaincu le lecteur spécialiste
de mécanique du vol mais non nécessairenent spécialiste d'Astrodynamique, que 1'étude
des trajectoires spatiales est plus simple qu'il n'y parait. Le modéle de départ est
sfmple : les forces d'attraction newtonienne sont bien connues, certainement mieux que
ne le sont, en general les efforts aerodynaniques qu'il doit egalenent introduire dans
ses calculs. Le probléme se raméne finalement 3 la résolution du systéme différentiel
non linéaire, alors que le mécanicien des fluides doit faire face 3 des systémes d'équa-
tions aux dérivées partielles complexes. La théorie des perturbations repose sur une
méthode classique de variation des constantes. Cela ne veut pas dire qu'il ne subsiste
pas des difficultés, comme, par exemple, 1'étude du comportement 3 long terme des solu-
tions.

Cet exposé a €té volontairement limité aux aspects les plus fondamentaux pour
1'étude du mouvement, naturel ou coitrdlé, des satellites artificiels. Des problémes
importants n'ont pas été abordés : probléme des 3 corps, aspects relativistes, aspects
stochastiques, navigation et trajectographie, guidage et pilotage. L'accent a été mis
sur 1'approche analytique, plus que sur 1‘'approche numérique. D'autres exposés de ce
Symposium -voire de Symposiums futurs- combleront cette Vacune.

Cependant 1a portée des méthodes exposées dépasce largement )¢ cadre de
1'étude des trajectoires spat\aIes Les formalismes newtonien, lagrangien et hamiltonien

sont évidemment applicables & d'autres problenes d’astrodynamique ou, plus générale-

ment, de nécanique : par exemple mouvement d'attitude (y compris dans le cas de satel-
!fic; "flexibies”, 31 une wodéiisation de type masses + ressorts + dashpots , ou une
approche modale, est utilisée}. Le Principe du Maximum de Pontryagin peut également
servir @ résoudre des problémes de commande ou de contrdle d'attitude, ou d'optimisation
de trajectoires de lanceurs ou de véhicules de rentrée.

Cette "{introduction aux trajectofres spatiales” a présenté quelques outils et
quelques exempies d'application. Elle ne se congoit que par les prolongements qui
pourront luf étre donnés.
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CALCUL D’ORBITES
par

PExertier, PSengenes ¢t G.Tavernier
Centre National d'Etudes Spatialcs (CNES)
18 Avenue Edouard Belin
31055 Toulouse Cedex
France

RESUME

Pepuis de nombreuses années, le CNES est impliqué dans les problémes de calcul
d'orbite. A 1l'origine ces études ont &té menées dans un but expérimental. Puis elles
ont é&té affinées pour des besoins opérationnels concernant les satellites en orbite
basse, géostationnaires et les sondes interplanétaires. Plus récemment, le CNES a
entrepris, en coopération avec la NASA, l'étude d'un satellite, TOPEX-POSEIDON, destiné
4 étudier la circulation océanique. L'emploi d'altimétres embarqués trés précis (5 cm)
impose une détermination d'orbite également trés précise (de l'ordre de quelques
centimdtres sur l'altstude).

Cet article présente quelques aspects des techniques modernes de détermination
d'orbite.

Le probléme des satellites artificiels de la terre s'apparente, en premidre
approximation, au probléme 3 deux corps. En fait, le corps central principal (la Terxre)
ne peut é&tre considéré comme une sphére homogéne et rigide. La différence principale
est son aplatissement, les plus faibles sont les inhomogénéités dans la distribution
des masses & 1l'intérieur de la terre. De plus, ces irrégularités varient avec le temps
4 cause de l'élasticité et de la viscosité (hypothése de Love) du corps central qui se
trouve dans le champ gravitationnel d'autres corps célestes (Lune, Soleil).

La trajectoire du satellite est également perturbée par des forces d'origine non
gravitationnelle. Les premiéres déterminations d'orbite effectuées 3 la division
Mathématiques Spatiales du CNES ont pris en compte le freinage atmosphérique afin de
prévoir l'évolution des trajectoires des satellites en orbite basse.

De nos jours, d'autres effets non gravitationnels sont & prendre en compte dans une
modélisation dynamique réaliste pour des applications requérant un calcul d'orbite de
plus en plus précis (TOPEX-POSE1DON).

Un satellite artificiel de la terre peut é&tre considéré comme un détecteur de
forces dans l'environnement spatial. Ainsi le principe fondamental de la dynamique peut
étre appliqué. L'accélération résultante du satellite dans un référentiel inertiel est
égale & la somme de toutes les forces (par unité de masse). L'extrapolation d'orbite
consiste A résoudre cette équation différentielle du deuxiéme ordre & différentes
époques, A partir d'une position et d'une vitesse initiales.

Historiquement, du fait de la faiblesse des moyens de calcul algébriques ou
numériques, les "mécaniciens” ont essayé de développer des méthodes de résolution
analytiques qui transforment les équations classiques de la dynamique en un nouveau
systéme d'équations différentielles plus faciles A intégrer. Dans ce type de
transformation de mécanique céleste, on applique la méthode générale des perturbations
4 la solution keplérienne triviale. Les calculs sont développés jusqu'ad un certain
degré de complexité qui donne le niveau de précision de la solution du mouvement
orbital. Lorsque 1l'on recherche une solution de précision élevée, ces méthodes
analytiques sont maintenant abandonnées au profit de méthodes d'intégration purement
numériques des modéles de forces les plus xréalistes.

La détermination d'orbite consiste 3 comparer les solutions numériques du systéme
différentiel dynamique aux observations fournies par les systémes de poursulite de
satellite (mesures angulaires, de vitesse radiale, de distance ...). Cette comparaison
permet d'améliorer la connaissance des conditions initiales de la trajectoire et de
certains coefficients empiriques utilisés pour combler les petits écarts entre la
réalité et la modélisation des forces. Cette amélioration est obtenue a 1l'aide
J'algorithmes d'ajustement généralement basés sur la méthode des moindres carrés ; en
fonction de 1l'application, on a recours au filtrage de Kalman ou & des méthodes
globales de moindres carxés.

ABSTRACT

For many years, CNES has beun involved in orbit computation. At the beginning

these calculations have been made for experimental purposes. Then, they have been
improved for operational projects such as low earth orbiting satellites, geostationnary
satellites and interplanetary probes.
More recently, CNES has decided to work {in collaboraticn with USAY} on TOPEX-POSETDON
project which is realized for oceanic circulation determination. The use of a very
accurate (5 cm) on-board altimeter requires a very accurate orbit estimation (some
centimeters on altitude).

This paper presents some aspects of modern technics of orbit determination.
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Earth artificial satellites probiem corresponds theoritically to the restrained
two-body problem. In fact the main central body (the Earth) cannot be considered as an
homogeneous rigid sphere. The main difference is the oblateness of the Earth and the
least ones are the irregularities in mass distributions inside the Earth. Furthermore
these irregularities are time dependant because of the elasticity and viscosity (Love

hypothesis) of the central body which is in the gravitational field of other celestial
bodies (Moon and Sun).

In the same way, the satellite is also perturbated by non grevitationnal effects.
First orbit determination computed at CNES space mathematics division took into account
atmospheric drag effects .in order to predict the evolution of low altitude satellites
trajectories. Nowadays, others non gravitational effects must be considered in a

realistic forces model for applications requiring an even more accurate orbit
determination (TOPEX-POSEIDON).

The Earth artifjicial satellite can be considered as a forces detector in spatial
gnvironment. Then the fundamental principle of the dynamics can be applied. The
resulting acceleration of the satellite in an inertial reference frame is equal to the
sum of all forces (per unit of mass). Orbit extrapolation consists in solving this

second order differential equation at different epochs from initial position and
velocity.

Historically, because of poor algebraic or numerical mean of calculation,
mechanicians tried to develop analytical resolution methods which roughly transform the
classical equations of dynamics into a new differential equations system easier to
integrate. In this kind of celestial mechanics transformations, we apply the general
perturbations methods to the trivial keplerian solution. Calculations are developped up
to a certain order of complexity which gives the level of precision of the orbital
motion solution. For high precision solution, these analytical methods are today

abandonned and replaced by purely numerical integration of the most realistic forces
models.

Orbit determination consists in comparing the numerical solutions of the dynamic
differential system to observations provided by satellite tracking systems (angular,
radial velocity, range ... measurements). This comparison allows to improve the
knowlegde of initial conditions of the trajectory and some empirical coefficients used
to f£ill up the small discrepancy between reality and forces modelisation. This
improvement is achieved by f£fitting algorithms generally based on least squares

methods ; depending on applications, Kalman filtering or global least squares methods
are implemented.

INTRODUCTION

La lccalisation des satellites est rendue nécessaire par le besoin de :

- pointer sur eux des antennes de communication ou de localisation,

- prévoir 1'évolution de la trajectoire sous 1l'action des accélérations
perturbatrices,

- contr8ler leur orbite (manceuvres) afin de réaliser les objectifs de la mission.

La réalisation de ces téches est possible avec une précision de l'ordre de

quelques centaines de mdtres, obtenue aisément grice & une modélisation simplifiée des
forces.

Pour certains satellites, la réussite de la mission nécessite une plus grande
précisicn de localisation. Ca peut citer :

- Le positionnement de balises terrestres (GPS - DORIS). La précision de celui-ci
est directement fonction de la précision de la localisation du satellite.

- La localisation de véhicules terrestres, aériens (GPS).

- L'altimétrie océanique ; 1l'altimdtre est trés utile pour 1'étude de la circula-
tion océanique (courants, tourbillons ...), 3 condition de connaitre l'altitude
du satellite avec une précision comparable & celle de 1'instrument luli-méme. On
vise pour les années 90, un ordre de grandeur de 10 cm (TOPEX-POSEIDON).

- La cinématique terrestre. Il est possible, en suivant le mouvement d'un réseau
de stations de poursuite terrestre par rapport & l'orbite inertielle d'un

satellite, de mesurer les irrégularités de la rotation terrestre (STARLETTE,
LAGEOS).

Comme nous venons de le voir, la précision requise par certaines missions est de
1'ordre de quelques métres, voir quelques centimétres. Il est alors nécessaire de
modéliser beaucoup plus finement les forces sgissant sur Je satellite, ot porisis

ot poofsis
d'¢labuzer des modeles adaptés 8 chaque type de mission (prise en compte de 1la
géométrie et de l'attitude du satellite...).

Ce type de calcul d’orbite permet parfois, en rewour, d'améliorer les modéles de
forces (potentiel terrestre, densité atmosphérique...).
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1. PRINCIPE DU CALCUL D'ORBITE

On dispose d'un modéle dynamique de 1'évolution de la trajectoire du satellite,

plus ou moins complexe en fonction des objectifs de la mission, mais toujours entiché
d’erreur.

Il est ceonc ndcessaire de recaler la trajectoire prédite par rapport 3 des mesures
de localisation (distance, angulaire, doppler, laser ...) 3 l'aide d'un algorithme de
filtrage numérique de type moindres carrés ou Kalman.

L'évaluation de la précision de restitution de la trajectoire est délicate, faute
de critére absolu.

On a donc recours, en phase d'aznalyse de mission, 3 des analyses de covariance ou
3 des simulations.

En phase opérationnelle, 1l existe plusieurs techniques souvent complémentaires
comme :

- L'analyse des résidus (mesure observie - mesure calculée) par le calcul d'écart-
types, le tracé d'histogrammes...

- L'étude des recouvrements : la valeur des £carts observés sur la période de
recouvrement de deux éphémérides provenant de deux calculs d'orbite décalés dans
le temps donne une estimation de la précision de ces calculs.

- Les comparaisons d'orbites calculées avec différents types de mesures ou
différents logiciels.

2. QUELQUES EXEMPLES DE CALCUL D'ORBITE

Le CNES dispose d'un réseau 2 GHz de 4 stations, Aussaguel, Kiruna, Kourou et
Hartebzesthock permettant d'effectuer troils types de mesures, distance, avec une
précision de 1l'ordre de 10 métres, doppler, avec Ene précision de 0,3 Hz (correspondant
3 une précision de 2,5 cm/s sur la vitesse radiale) et angulaire (0,05°). Ce réseau
sert & calibrer le matériel et les logiciels utilisés pour le calcul d'orbite de
satellites géostationnaires comme TELECOM 1A, 1C ou TDF gréce & des canmpagnes de
mesures spécifiques. La précision obtenue est de l'ordre de 20 3 40 m (max.). Il est
également utilisé pour les satellites héliosynchrones d'observation de la terre, comme
SPOT1. L'orbite opérationnelle est calculée avec une précision de 100 & 150 m (max.),
des campaghes de calibration permettent de descendre 3 15 m (max. ).

La mise & poste de satellites géostationnaires est réalisée 3 1l'aide du réseau
CNES 2 GHz complété par les stations de Malindi {(ESA), Goldstone et Canberra
(DSN/NARSA). Les objectifs de précision sont de 110 m sur le demi grand-axe, 9.10-5 sur
1'excentricité, correspondant 3 2,5 km le long de la trace, pour le premier apogée, et
40 m sur le 1/2 grand-aze et 1 km le long de la trace pour le quatriéme apogée.

Le réseau TRANET comportant 3 stations CNES (une vingtaine de stations au total)

gegmet/ d'effectuer des mesures de type Doppler avec une précision de 1l'ordre de
,3 cm/s.

Lors de la campagne MERIT, les mesures recueillies par 20 stations ont &té
utilisées pour calculer 1'orbite du satellite NOVA3. Les résidus en fin de traitement
soat de 0,5 cm/s et la trajectcire est déterminée avec une précision de 2 3 5 m (max.).
Plus récemment, les 3 stations TRANET du CNES ont donné, pour le satellite altimétrique
GEOSAT des résidus de 0,6 & 1,3 cm/s et une précision de 15 3 20 m (max.) sur la
trajectoire. Une des explications 3 la moins bonne qualité des résultats est la
couverture moins compléte de 1l'orbite avec seulement 3 stations.
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Les mesures distances de type LASER sont parmi les plus précises A& 1'heure
actuelle avec un bruit de mesure de 1 & 3 cm pour les stations les plus modernes. Des
calculs d'orbite pour des arcs de 5 & 30 jours avec les satellites STARLETTE et LAGEOS
conduisent 3 des résidus finaux de 15 & 30 cm (3 1 sigma) et une précision de 2 3 5 m
{max.) sur la trajectoire.

Un nouveau <ype de mesures sera bientdt utilisé au CNES : les mesures DORIS, de
type Doppler bifréquence (400 MHz - 2 GHz) dounc la spécification de précision est de
0,3 mm/s. Le réseau comporters & terme 50 baiises d'orbitographie (34 & ce jour)
assurant une trés bonne couverture géographique. La nise en oeuvre probatoire de ce
systéme consiste & embarquer un instrument DORIS & bord du satellite d'observation de
la terre SPOT2. L'emploi d'un nouveau modéle de potentiel (GEM-T2 ou GRIM4) et une
meilleure modélisation des forces de surface doivent permettre d'atteindre l'objectif
de précision de 5 m le long de la trace.

L'instrument DORIS sera ensuite embarqué sur le satellite altimétrique TOPEX-
POSEIDON d'cobservation des océans. Ce satellite embarquera également deux altimétres de
grande précision (10 cm). Plusieurs centres seront chargés du calcul de 1l'orbite
précise avec un objectif de 10 cm en radfal : le GODDARD SPACE FLIGHT CENTER (GS¥FC -
NASA) avec le logiciel GEODYN, 1'Université du Texas (UTEX) avec UTOPIA et le CNES avec
ZOOM. Outre les mesures DORIS, des mesures LASER, GPS et TDRSS seront également
utilisées pour les différents calculs d'orbite, précise et opérationnelle.

Un nouveau type de calcul d'orbite fait 1l'objet d'études : 1la navigation
embarquée. Elle consiste 3 effectuer les traitements & bord du satellite. La puissance
de calcul est donc limitée et impose de recourir & un modéle dynamique simplifié.

Un premiére étude concerne un navigateur DORIS embarqué, avec un objectif de
précision de 500 m, qui pourrait servir par exemple au pointage du télescope PASTEL de
communication optique.

Une autre étude est relative & l'emploi des mesures pseudorange et pseudorange-
rate GPS 3 bord de la navette HERMES. Des simulatjons ont permis d'évaluer la précision
2 25 m et 4 cm/s (3 sigmas), cette précision étant atteinte au bout d'une révoiution .

3. LES PERTURBATIONS

Les orbites des satellites artificiels proches de la terre obéissent en premiére
approximation aux lois de Kepler mais elles sont fortement perturbées et instables sous
1l'action des perturbations. Il est donc nécessaire de modéliser ces perturbations pour
calculer des trajectoires de satellites de plus en plus précises, ceci a3fin de répondre
4 des besoins de localisation de plus en plus fins.

On distingue deux grandes familles de perturbations. Les perturbctions d'origine
gravitationnelle qui ne dépendent ni de la géométrie du satellite, ni de sa masse comme
la non sphéricité du potentiel terrestre, les phénoménes de marées terrestres et
océaniques et les forces a'attraction de la lune, du soleil et d'autres plandtes du
systéme solaire.

Les perturbations d'origine non gravitationnelle comme le freinage atmosphcrique,
les pressions de radiation solaire directe et indirecte et les manceuvres de contrdle
d'attitude et de maintien 3 poste.

On assimile également & une force perturbatrice une éventuelle accélération
complémentaire d'entrainement due au choix d'un référentiel d'intégration non inertiel.

3.1. LE POTENTIEL DE GRAVITATION TERRESTRE

Les interactions de type Newtonien créent des accélérations gravitationnelles
dérivant d'un potentiel de la forme :

oo 1Y

)'.‘ps

svec rpg = distance entre P, point &lémentaire de masse dm et S, position du
satellite

la somme étant étendue 3 toutes les masses.

1

« £{OP ; 0S) peut é&tre développé en polynéSmes de Legendre et le potentiel
Tps exprimé en coordonnées sphériques 38 condition de concentrer toutes les
masses attractives dans une sphére ou le satellite no rentrerait jamais. Cela n'est
possible an'en sépsrsnt lz potentiel gravivationnel en deux composantes, terrestre et
luni-solaire.

La Terre n'étant ni sphérique, ni homogune, elle ne peut étre considérée comme unc
masse ponctuelle & 1l'extérieur d'une sphére 1a contenant.
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LB e gl




1t-5

Le développement du potentiel terrestre en harmoniques sphériques conduit 2
1'expression :

MT © n PN
U (r,A,#) = £ E ()" Ppx (sin¥ )(Cpk cos k) + Spi sin k2 )
r n=0 k=0 r
1 dR(x2-1)n
avec P : polyndmes de Legendre Pp(x) = ————
2 nt dxn
akpn(x)
Pnk : fonctions de Legendre Ppx = (1-x2)k/2 —_—
x

Mp : masse de la Terre
3e : rayon équatorial de la Terre
r, X , ¥ : coordonnées sphériques du point S extérieur 3 la Terre (dans un repére
terrestre).
3.1.1. PARTIE STATIQUE DU POTENTIEL TERRESTRE

Les coefficients Cpi et S,k sont des fonctions du temps & cause de la non station-
narité de la répartition des masses terrestres qui est due :

- aux marées océaniques,

- & la réponse é&lastique de la Terre aux potentiels perturbateurs extérieurs
(marée terrestre),

- & des phénoménes géophysiques internes.

Cette non stationnarité est cependant faible et les valeurs des coefficients de la
décomposition Cpi!t) et Spk(t) restent assez voisines des coefficients moyens :

- 1 T
Cng = —— I Cnk(t) dt
T 0

- 1 T
Spk = — j Spk(t) dt
T 0

Il est donc 1légitime de s'intéresser & la Tpartie statique du potentiel
terrestre”, c'est & dire au potentiel fictif dont la décomposition dans le repére
terrestre aurait pour coefficient :

Cnk. Snk
Les marées terrestres et océaniques seront prises en compte sous forme
d'incrémen*s de coefficients du potentiel terrestre, variables dans le temps :
8Cpi(t),  &Spk(t)
Il est possible de définir des coefficients normalisés Cyp, Sim avec :

Cho = - VZI +1 Cio

Crk C-m 2L+ D x2 {Cn
Snk = - Sim
(1 + m) !

Le systéme d'axes du repére terrestr2 par rapport auquel sont définis les coeffi-
cients de potentiel est défini par :

- une origine en 9, centre de gravité de la Terre d'ou :
Cip0 = €13 = S31 < 0
- l'axe 0z est assimilé 3 1l’axe principal d'inert‘e d'od :
C21 =~ S21 =0
En fait le pOle d'inertie n'est pas fixe sur 1a crofite terrestre.

D'ot introduction du pOle CIO ou d'un pble moyen (fixe sur la Terre et assez
voisin du pdle d'inertie) pour la décomposition du potentiel terrestre.

Un modéle de potentiel aest donc défini par des constantes ( §Mp), 8¢ et les
coefficients Cyp, Spk.

Cn peut citer les séries GRIM (GRGS - DFGI) et GEM (GSFC) : GRIM 3, GEM 10B et
plus récemment GEM-TL GEM-T2.
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3.1.2. INTERPRETATION PHYSIQUE

Les termes Cpg, sont appelés harmoniques zonaux. Ils traduisent une symétrie de

révolution par rapport 3 l'axe Oz (k = 0 donc ils ne dépendent pas de la longitude).
Ils sont parfois notés Jy.

Le terme en J2 traduit l'aplatissement des pbdles (R équateur - R pdie ~ 20 km)

J2
- Jp Pyg Sin¥ = = —— (3 sin2v - 1)
2

Figure 2 : Harmonique zonal (Z,0)

Le terme en J3 traduit la dissymétrie Nord/Sud de la Terre, celle-ci a une forme
de poire

J3
- J3 P3g sin¥ = - —— (5 sin%¢ - 3 sinv )
2

Figure 3 : Harmonique zonal (3.0}

Les termes Cpj;, Snk (¢ 4 0) sont appelés harmoniques tessereaux. Les tessereaux
correspondant 3 n = k sont appelés sectoriels et traduisent une forme en "quartiers
d'orange” de la Terre.

Nunstis
oAt 14 o
1] \::::r—'~
111 N GREE/gn
-"‘"jﬂ 4 _:‘:—\ﬂ:’
,la! 5‘__ g'lﬂir' %
Pilgure 4 : Harmonique tesseral (9,6) Figure 5 : Harmonique sectoriel (9.9)
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1) faut noter que le terme principal est Jle terme central ou képlérien
(Coo *_Jo *= 1) tandis que le J2 est de l'ordre de 10-3 et les autres termes de l'ordre
de 10-6 ou plus petits.

3.1.3. EFFETS DES PERTURBATIONS LIEES AU MODLLE DE POTENTIEL

Les coefficients zonaux et tessereaux du potentiel terrestre ont Qes effets
séculaires et/ou périodiques sur les éléments orxbitaux qui définissent 'orbite du
satellite (figure 6)

. iarasitres d’ordite
a * desi-grand axe de 1'ordite (w)
e ¢ excentricité

1+ anclinaison (deg)

w @ arguzent du périgé (deg)

1 : ascension drofte du noeud sscendant (deg)

M : anosalie soyenne (deg)

t 1 date de l'Evinegent

NSO D
Ran Orpla, AEC
A et

Figure 6 : Les éléments orbitaux
- Les zonaux pairs ex.xcent des perturbations :
. séculaires sur w , 01, et M
. courtes (= T/2) et longues (= Tw /2) périodes
T = période du satellite
Tw = période du périgée
- Les zonaux impairs exercent des perturbations :

. longues périodes (= Tw )
. courtes périodes (= T)

- Les tessereaux exercent des perturbations :
. moyennes périodes (1 jour ou une fraction de jour)

. courtes pérlodes avec en particulier des phénoménes de résonance lorsque la
période orbitale du satellite T est un sous-multiple de la période de rotation
de la Terre sur elle-méme (1 jour) : T = Tperre/n. Les harmoniques tessereaux
dont 1l'oxdre est un multiple de n produisent des phénoménes de résonance comme
par exemple C22 S22 pour les satellites géostationnaires ou les harmoniques
d'ordre 13, 26, ... ou 14, 28, ... pour les satellites bas comme SPOT ou
TOPEX. L'observation des résonances est trés utile pour déterminer les
harmonigues correspondants.

3.2. LE POTENTIEL LUNI-SOLAIRE

Intéressons ncus maintenant 3 la deuxiéme partie du potentiel gravitationnel
relative aux effets de la Lune et du Soleil.

En assimilant l'astre attracteur & une sphére homogéne 3 1'extérieur de laguelle
se trouve le satellite, la formulation de NEWTON s'écrit :

. SA O
ir My e -

ISAl3  j0a3

avec My : Masse de l'astre prrturbateur -
S : Positicn du centre de gravité du satellite
0 : Centre de la Terre

A ¢ Tenia. de 1'astre attracteur
Dans cette expression le terme en éA/iéﬁl3 représente 1'accélération effectrivement

subie par le satellite tandis que le terme en 0A/|OA|3 représente celle que subit la
Terre.

ia est donc bien l'accélération différentielle subiec par le satellite dans un
i

repére 1li¢ su centre de la Terre.
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Cette accélération dérive d'un potentiel que l'on peut écrire :
. 1 G5 . Oh 1
W o= Mg |—— - ——— - ———
ISAl  IGA[3  [GAl

La constante d'intégration étant choisie telle que le potentiel s'annule

a
l'origine (si S est en 0).

On peut alors la développer sous la forme :

o rn
W o= M £ —— P cos ©
% s E o n ( )

Figure 7 : Potentiel luni-solaire

Cette expression s'applique également aux autres planétes du systéme solaire si
l'con veut prendre leur effet en compte.

Ce potentiel est appelé "potentiel des marées"” car il crée des perturbations

d'orbites terrestres mais également des déformations de la Terrxe élastique et de 1la
surface des océans.

Le rapport r/p prend, lorsque A est le Soleil, des valeurs de 4.10-5 a 2.104
pour des orbites basses 4 géostationnaires.

Lorsque A est la Lune, il prend des valeurs de 1,6 10-2 a 10-1 pour des orbites
basses & géostationnaires.

Dans le cas des orbites basses ou de 1'étude des marées on utilise l'expression de
W jusqu'au degxé 2 :

r?2 3 cos?e -1
R

Pour la prise en compte de la perturbation lunaire sur une orbite géostationnaire
on utilise l'expression de W jusqu'au degré n = 3 :

2 [ 3 cos2e - 1 r 5 cos3e -3 cose]

 ——

W= M, ———
5203 2 0 2
Par les déformations de la Terre élastique et de la surface des océans qu'il
provoque, le "jotentiel des marées” crée une variation du potentiel terrestre. Ce

phénoméne est pris en compte sous forme d’un potentiel perturbateur du potentiel
gtatique tel gqu'il a été défini précédemment.

3.3. LE FROTTEMENT ATMOSPHERIQUE

fette perturbation de type non gravitationnel résulte des chocs des molécules
cemposant la haute atmosphére sur les parois du satellite. Malgré la faible valeur des
densités atmosphériques rencontrées aux altitudes des satellites, es derniers se
déplacent a de telles vitesses (7000 & 10000 m/s) gque le produitpové de la densité

rencontrée par le carré de la vitesse (généralement proportionnel aux forces
aérodynamiques) n'est pas négligeable.

Il en résulte une perturbation d'origine aérodynamique :
- prépondérante pour les orbites trés basses (200 - 400 km)
- préoccupante jusqu'd@ i000 km.

L'expression de cette accélération perturbatrice est ,

avec une hypothése de
portance nulle :
. i > s
¥«-— ocp— V.V
2 m
avec : p = decnsité atmosphérique
Cp » coefficient aérodynamique (qui varie entre 2,2 et 2,8)
S = surface de référence
M = masse du satellite
V=

vitesse relacive du satellite per rapport & l'atmosphére

E
%
=
=
E
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Les paramétres A4 prendre en compte dans la modélisation du frottement
atmosphérique son™ :

~ X’état de 1'atmosphére comme sa masse volumique, sa température et la masse
moléculaire moyenne (calcul de la densit4),

~ les positions relatives du satellite et du soleil (densité),
- des paramétres physiques d'environnement comme le flux solaire, 1'indice

géomagnétique (densité), le tvaux de superrotation de 1l'atmosphére et les vents
en altitude (calcul de la vitesse relative).

3.4. LA PRESSION DE RADIATION SOLAIRE DIRECTE

Cette perturbation présente de grandes analogies avec le frottement atmosphérique.
Elle résulte des chocs entre un flux de photons et la surface du satellite. On
distingue en général deux composantes :

- la pression de radiation solaire directe,
- la pression de radiation solaire rediffusée par la Terre.

L'expression de l'accélération perturbatrice résultant de la pression de radiation
solaire directe est :

. S Lo Sh
I= -k — ~ . —=
m  4n [SA]? Isa
avec :
ko=

coefficient 1lié aux qualités géométriques et réflectives des parois du
satellite

S = =section de choc dans ia direction Soleil-satellite

m = masse du satellite

Lo » flux lumineux émis par le Soleil par stéradian

éﬁ = vecteur satellite-Soleil

L'accélération perturbatrice résultant de la pression de radiation solaire redif-
fusée est calculée 3 partir des éléments de la terre vus du satellite. Elle représente
environ 25 § de la valeur de J}'accélération due 3 la pression de radiation solaire
directe. Ses erfets sur l'orbite du satellite sont cumulatifs.

3.4.1. EFFETS DES PERTURBATIONS LiEES A LA PRESSION DE RADIATION SOLAIRE

La pression de radiation solaire n'eitraine pas de variation séculaire sur le
demi-grand axe, mais des variations significatives sur l'excentricité et l'inclinaison.

On observe, pour un satell:ite sur orbite géostationnaire :

un terme séculaire en inclinaison de 0,9°/an et un terme périodique aveC une
amplitude de O,0035°* & 13,66 jours et 0,023* & 182,65 jours,

des termes séculaires sur la longitude moyenne, et des termes périodigues moyen-
nes et longues périodes d'amplitude 0,019°,

des termes courtes périodes sur le demi-grand axe d'amplitude 965 m,

des termes courtes et moyenncs périodes sur l'excentricité d'amplitude 5.10"5,

On obserxve, pour un satellite sur orbite basse de type SPOT {altitude 832 km) :

- une résonance entre la rotation du plen de l'orbite et la rotation apparente du
soleil,

- inc dérive de 1l'inclinaison de 3,34 10-2 dagrés/an qui fait diminver l'heure
ocale.

3.5. IMPORTANCES RELATIVES DES DIFFERENTES FORCES

Le terme central ou "Képlérien” du potentiel a une importance prépondérante. C'est
lui qui domne une forme elliptique A 1a trajectolrs A'un F5tellits tércfesize. Tous ies
autres termes du potentiel ainsi que les autres forces ne font qgue déformer légércment
cette ellipse et faire tourner son plan.

Le second termz2 par ordre d'importance décroissante est ie Jp qui traduit l'apla-
tissement de la terre. Son ordre de grandeur est 10-3 par rapport au terme central.
Tous les autres effets ont des ordres de grandeur inférieurs ou égaux & 1073 par
rapport au Jp donc 10-6 par rapport au terme central.

Le frottement est trés 116 3 1'altitude du satellite et 3 l'activité solaire.

n a1 e 1
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PRESSION OE RADIATION SOLARE
R e ————]

ATTRACTION OU SOLEIL

ATTRACTION OE LA LUNE

IRREGULARITES DZ LA FORME DE LATEREIE(J!. »2AG)

FROTTCMAENT {——-ALTITUDE DE 150 3 1520 km }
- —_

APLATISSEMENT DE LA TERRE(J;)

ATTRACTION CENTRALE

3 1 1 3 31 3 3 3 I t I 3
*

10 10t 1o 100 104 107 0% 100 10§00 10T o |

Figure 8 : Comparaison des forces

La figure 8 donne des ordres de grandeur mais son interprétation est délicate car
le module de chague force (en dehors du terme central) peut aller de O & la borne supé-
rieure epn fonction de la géométrie du satellite, ge son altitude, de son attitude, et
de sa position sur orbite.

4. LE TRAITEMENT DES PERTURBATIONS

Le calcul de la trajectoire d'un satellite se fait par intégration de 1'équation
fondanentale de la dynamique :

dzxi
- £i/m (i =1, 2,3)
dr2
- ’ & partir des conditions initiales : (1)

x§ (t = 0) = x3°
x{ (€ = 0) = x5°

Dans ie cac d'un satellite soumis uniquement & un champ newtonien de type
£i/m = - pxi/t3 avec r<¢ o Exiz, 1la solution est une orbite képlérienne :

$; =2 Sqg = w

Sy =~ e S5 =

3 ~ 1 Sg = M - nt : anomalie moyenne initiale
le systéme (1) est alors équivalent au systéme :

dsy

dt

Dans la rxéalité, le satellite est soumis d un champ newtonien perturbé : la force
principale agissant sur le satellite est celle due au terme newtonien mais il faut
également prendre en compte des termes complémentaires, ce qui est réalisable de deux

fagons :
a2y Xx§ X4
- - + avec ¥y << 2)
ds2 ! r3 b t . (
ou :
dsg
p = Pj avec Py petits (3)
t

La méthode des perturbations consiste 3 intégrer le systéme (3) de préférence au
systéme (2).

Par contre, une intégration numérique du systéme (1) permet cn général d'atteindre
une meilleure précisicn.
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4.1. L'INTEGRATION NUMERIQUE
Celle-ci consiste 3 approxinmer le systéme :
y = f(y, t)
ol £f(y, t) est déterminée (4)
y{to) = Yo

Yn+l - ¥Yn

= f(yn, tp) ot h est le pas d'intégration

Le choix du pas d'intégration résulte d'un délicat compromis entre la nécessité
d'une bonne approximation du systéme (4) et la mafitrise des problémes numériques
(erreurs de troncature et d'arrondis).

Les y sont alors calculés de proche en proche.
Les algorithmes utilisés sont de deux types :

- & pas séparés : le calcul du point n + 1 ne dépend que du point n (RUNGE-KUTTA
par exemple)

- & pas liés : le recours 3 un processus itératif de prédiction correction permet
un meilleur conditionnement numérique du sysiéme intégré, au prix d'un probléme
de constitution du tableau initial au démarrage du processus (COWELL par
exemple).

L'intégration numérique des équations du mouvement est coiteuse en temps de calcul
et les erreurs de troncature et d'arrondis ont un effet cumulatif. On peut remédier a
ce dernier probléme & 1l'aide de fonctions régularisantes qui réduisent artificiellement
la rapidité de la variation des perturbations par convolution avec une fonction bien
adaptée.

4.2. L'EXTRAPOLATION D'ORBITE

Celle-ci permet de connaitre 1l'évolution des paramétres d'orbite au cours du
temps, en fonction des perturbations qui agissent sur le satellite.

Il existe pour cela des méthodes analytiques qui permettent une représentation et
une interprétation de chaque perturbation et une décomposition harmonique de celle-ci
de la forme :

X = Ay + Byt + B3 Cg sin ( wit + $31)

11 est alors possible d'identifier les différents paramétres.

La somme des déco- positions harmoniques des perturbations agissant sur le satel-
lite donne une décomposition du méme type qui facilite l'envoi des paramdtres (nombre
1imité de paramétres 3 transmettre pour permettre & un utilisateur d'effectuer sa
propre extrapolation d'orbite).

Il est également possible de procéder & une intégration numérique. Comme nous
l'avons déja signalé précédemment, le point délicat de cette méthode est le choix du
pas d'intégration. Pour un satellite bas comme SPOT, par exemple, on utilise un modéle
de potentiel complet de degré et ordre npayx-

La plus petite période des perturbaiions sera donc :

Tm = T/npayx 00 T est la période orbitale

Le théoréme de SHANNON impose une valeur maximale du pas d'intégration, si 1l'on
veut que cette périnde soit observable par 1'intégrateur :

T
h <

soit h ¢ —
2 Nmax

Pour SPOT (T = 100 min) on peut utiliser un modéle comme GRIM 3, pour lequel
Npax ™ 36, d'od une valeur maximale du pas de l'ordre de 80 s.
Dans la pratique on extrapole une orbite de type SPOT avec un pas h = 1 minute.

Une troisiéme méthode, mixte, consiste & éliminer analytiauement les variations &
courtes périodes et & intégrer numériquement les effets & moyen,e et longue période.

4.3. LE CHOIX D'UN REPERE POUR LE CALCUL D'ORBITE

Un choix claggigue on mécsnigut consiste & rechercher un repére inertiel ; en
mécanique céleste on peut donc calculer une orbite dans le repére céleste moyan défini
4 une date to (par exemple le J2000). L'intégration des équations du mouvement est
alors immédiate mais l'expression des accélérations est délicate dans un tel repére
inertiel. De plus il nécessite un passage des position-vitesse, en fin de traitement,
du repére inertiel de calcul dans un repére terrestre ou céleste instantané. Ce choix
complique égolement la prise en compte des mesures entre le satellite et les stations
terrestres. Il nécessite un double changement de repére :

- —




112

J 2000 —» repére vral de la date ———» repére terrestre de la date.

Le programme de calcul d'orbite précise GEODYN du GODDARD SPACE FLIGHT CENTER
(NASA - Washington) fonctionne selon ce principe.

Une autre possibilité consiste a intégrer les équations du mouvement dans un
repére “tournant® : le rendre céleste vrai. La prise en compte des mesures est alors
plus simple mails ce choix nécessite le calcul des accélérations d'entrainement et de
CORIOLIS (dues & la précession et & la nutation de l'axe de rotation de la Terre). Ces
accélérations peuvent &tre “raitées comme des perturbations.

Le prograrme de calcul d'orbite précise ZOOM du CNES (Toulouse) fonctionne selon
ce principe.

POLE DE L'ECLIPTIQUE

LIEV DU POLE HOYEN

UN TOUR €N
25800 ANS

PRECESSION NUTATION

Figure 9 : Mouvement du moment cilnétique terrestre

5. LES DIFFERENTS TYPES DE MESURES
5.1. LA MESURE DISTANCE

Son principe est la mesure d'un tamps de propagation aller-retour.

AT Satellite t + 1} On mesuyre 3 la date
le texps (t1+72)
d T 12
L _C.(xl + 72)
47 =

Station Station t Station t + 1) + T2

Flgure 10 : Mesure distance : temps de propagation aller-retour

Il existe plusieurs techniques pour cela :

- le laser (paquets de photons)
- le radar {ondes centimétriques)
- les mesures par tons (signal défini a .'aide de sous-porteuses)

Ces derniéres consistent & mesurer en station le déphasage entre l'onde émise et
1'onde regue.

250 as

|
Top €arssion l
- VN VN
: U \/ \-/ Sol Satellite
! i/\ t/\ V- 2 Suieiiite ol
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Figure 11 : Mesure stance par tons
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La mesure est datée au top émission t précédant le top de réception qui arréte la
valeur de la mesure .

La mesvre du déphasage est effectuée avec une indétermination de 2mp (p entier). A
cette indétermination, correspond une ambigu¥té dans la mesure de la distance de :
C
AG = ——
2f

La précision de la mesure est liée A& la résolution de la mesure de déphasage
(fraction r de la période du ton) et & la fréquence du ton :

rc
od =

2f

11 est nécessaire de trouver un compromis entre lever d'ambiguité et précision. Il

faut donc effectuer simultanément des mesures de distance 3 l'aide de plusieurs tons de
fréquences différentes :

- le ton mineur permet de lever 1l'ambiguité, par exemple pour 8 Hz :

C
84 = ——— = 18750 km
2f
- le ton majeur donne la précision du systéme de mesure, par exemple, pour 100 KHz
d « 1,5 km (insuffisant sans le ton mineur) mais pour r = 102 od = 4d . r = 15 m.
La précision de la mesure distance est affectée par son bruit :

~ laser < 1 m, 1 & 3 cm pour les stations de derniére génération

- radar = 10 m

- réseau CNES 2 GHz = 15 - 20 m

et par des biais 1liés au temps de transit en station (évalué réguliérement gréce
3 des mesures de calibration) et au temps de transit & bord (é&valué gréce a des mesures

de calibration avant le lancement, avec un probléme de stabilité au cours de la vie du
satellite).

5.2. LES MESURES ANGULAIRES

Les différentes techniques sont :

- optiques : photographie du satellite sur fond d'étoiles
~ interférométriques : comparaison de phase

- relevé de la position de l'antenne, celle-ci pouvant avoir une monture azimutale
ou a la cardan.

zémth

zenith

direction du zatellite

satellste

— 7
Nord

station

station

Azimut

Axe 1

Figure 12 : Monture azimutale Figure 13 : Monture de cardan

Les bruits de mesures sont :
- optigue : 1 seconde d'arc
- interférométrique : variable
- relevé de position d'antenne
. radar "Bretagne" 0.5 & 1 1074 rad

. Antenne STL 4-6 GHz 2 10-4 rad
. Antenne réseau CNES HBK 103 rad

&
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Les biais sont dus au calage des axes mécaniques (évolutions périodiques et

séculajires), aux écarts entre l'axe mécanique et 1'axe radio-électrique et au trainage
des asservissements.

5.3. LES MESURES DOPPLER

L'effet Doppler se traduit par la relation :
v
fr = fo (1 - —)
c

entre les fréquences émise et regue
La méthode de mesure est la méthode "Quatant”

On compte & bord du récepteur qui peut étre le satellite ou la station terrestre,
un nombre N, de cycles regus entre deux dates t) et t3.

pans la pratique les fréquences fg utilisées (et donc les fréquences fr qui s'en
déduisent) sont trop fortes pour qu'il soit possible de compter les cycles regus
directement. On fait donc battre la fréquence fy avec une fréquence voisine fg. On
compte alors les battements du signal composé.

TC
] Fenétre Doppler
N
/\ /\ [\ /\ Fréquence 3 mesure
f,*f = N\ N_/ N N
Y k) Horloge fin¢

Figure 14 : Mesure doppler - comptage des cycles
La mesure est donc constituée des valeurs t {(date de la mesure), N {nombre de
cycles comptés), Tc (temps de comptage),

Zy (premier passage & zéro aprés l'ouverture
ge lf ffnétre doppler), 22 (premier passage & zéro aprés la fermeture de la fenétre
oppler).

Les mesures doppler peuvent étre de type :

- une voie (montante ou descendante)

Figures 15 - 16 : Mesure doppler une voie (descendante et montante)
- 2 ou 3 voies

fréquence fo émise par une station 1,

regue par le satellite, £ 1 ~ v/C
réémise avec un facteur Cj : Cj e ( /0

. fa (1 = V/C) et regu par une station 2 :

v

fr v Cp . £ (1 - —)2
c
2v

= C . fg (1 = )
c

satellite
(E.(I-g,|c1‘ Clufpe(d = V)
r3 <

\\\Eég clfg (1 - x)z
<

fe fp

Figure 17 : Mesure doppler bi-voie
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240
En bande S, C) » —
221

5.4. LA REFRACTION ATMOSPHERIQUE

La plupart des mesures sont affectées par ce phénoméne qui a pour effet une
courbure du trajet et 1'allongement ou le raccourcissement de celui-ci.

ne=1
1000 km

IONOSPHERE

n<t
80 km
n=1
TROPOSPHERE 30 km
0 km

Figure 18 : La réfraction atmosphérique

5.4.1. LA CORRECTION TROPOSPHERIQUE
L'indice de réfraction de la troposphére est indépendant de la fréquence et

fonction des conditions météorologiques (pression, température, humidité). Il existe
des modéles de correction troposphérique d'une précision de l'oxdre de 4%.

5.4.2. LA CORRECTION IONOSPHERIQUE

L'indice de réfraction de 1'ionosphdre est une fonction inverse du carré de la
fréquence et du coatenu électronique.

Ce dernier est trés complexe 3 modéliser. Afin de limiter l'effet ionosphérique on
augmente la fréquence de travail (2 GHz, 8 GHz, 30 GHz) et on utilise des méthodes de
correction bi-fréquence (mesure 3 deux fréquences et élimination de l'effet ionosphéri-~
que au premier ordre, les erreurs sont résiduelles).

5.5. LA MODELISATION DES MESURES

Les différents types de mesures sont modélisés scus la forme :

Oc (t + 6t) = £ [X(t + &t), X(t + 6t), Xg, P} + by + bg

avec
t = date de la mesure
(-3 « erreur de synchronisation et/ou erreur d'estimation du temps de
. propagation
(X, X) = position-vitesse du satellite dans le repére d'intégration
Xg = coordonnée de la station dans le méme repére
P = paramétres technologiques
by = biais sur la mesure élémentaire (1ié 3 l'instrument de mesure)
bg = biais 1liés & 1la position du satellite sur son orbite (réfraction

atmosphérique, attitude, correction de 1la monture, correction
relatciviste, ...)

La sensibilité de la mesure & différents paramétres est évaluée gréce aux dérivées
partielles :

304 of 9x
- état du satellite : - .
INg X 3xg
30 3f %
dho 0% ¥k
50¢ of
- station -
3xg Ing
30, . 30c
- datation et biais : » £ — a1
3t at

B A S SRR 5" e
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30c  3bg(Pi)

at Py

-~ paramétres du module de bg :

6. LA RESTITUTION D'ORBITE

Son objet est la connaissance au cours du temps des positions et vitesses du
satellite.

La seule extrapolation d'orbite fournit une précision insuffisante du fait de la

méconnaissance des modéles, d'un pilotage en attitude imparfait et des manoeuvres de
maintien & poste (comportement des tuyéres).

La restitution d'orbite consiste a élaborer des mesures théoriques entre le(s)

satellite(s) et les stations sol A partir d'une orbite extrapolée (mesures de type
distance, doppler ou angulaire).

Un algorithme d'estimation permet ensuite de réduire les écarts entre mesures
observées et mesures théoriques par correction des paramétres orbitaux,

dynamiques et
de mesure 3 l'aide des dérivées partielles des mesures par rapport & ces paramétres
(correction différentielle).

Le probléme d'estimation se résoud en fonction des informations disponibles et des
paramétres 3 estimer.

Les informations disponibles sont des informations A& priori (dispersions, con-
traintes) et les mesures avec leurs erreurs.

Les parasmétres & estimer peuvent &tre de différentes natures :
- paramétres d'orbite (bulletin infitial)

et de modele dynamique (coefficient
multiplificatif sur une force ...),

~ paramétres de mesure (datation, écart de fréquence par passage ..

-,

- paramétres de géodésie dynamique et semi-dynamique (modéle de potentiel ter-
restre ...).

Ils peuvent étre libérés (analyse de covariance étude des corrélations entre
paramétres) ou ajustés

(restitution d'orbite proprement dite) en tenant compte de
l'existence des contraintes.

beux grands groupes d'algorithmes sont nis en oeuvre & cette fin :

- Les moindres carrés, adaptés A des traitements en temps différés, souvent implé-

mentés sur de gros calculateurs et plutét réservés & des applications de grande
précision.

- Le filtrage numérique de KALMAN le plus souvent utilisé dans des applications de
type temps réel ; ce type d'algorvithme, pouvant étre facilement mis en oeuvre sur les
calculateurs qui équipent aujourd'hui les satellites, permet de doter ces derniers

d'une capacité de navigation embarquée, ouvrant la voie & des véhicules spatiaux de
plus en plus autonomes.
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OPTIMISATION DE LA MISE A POSTE D’'UN COUPLE DE SATELLITES
SUR DES ORBITES GEOSYNCHRONES EXCENTRIGUES ET INCLINEES

J. Bouchard et . Aumasson

ONERA
BP 72

92322 Chatillon Cedex
FRANCE

RESUME

Un projet de systéme de télécommunication étudié par le CNES est basé sur 1l’uti-
lisation de deux satellites €vcluant sur des orbites géosynchrones 24h, excentriques et
fortement inclinées, dont les noeuds ascendants sont décalés de 180°. Pour mettre a
poste ces satellites, il est envisagé de les injecter dans un premier temps sur l’or-
bite de transfert géostationnaire standard {GTO) délivrée par un lanceur Ariane. Chacun
d’eux est ensuite transféré individuellement de celle-ci sur son orbite finale. Les
manoeuvres & deux ou trois impulsions permettant de réalisexr cette seconde phase de la
mise & poste pour une consommation d’ergols minimale ont été déterminées par une
méthode d‘optimisation paramétrigue basée sur l'algorithme du gradient proj¢ cé généra-
lisé mis au point a 1'ONERA. Dans J)’hypoth&se ol l’injection préliminaire des satel-
lites sur orbite GTO est faite en deux lancements séparés, il est possible de realiser
les deux transferts ultérieurs par des manoeuvres identiques si la durée séparant les
tirs est convenablement choisie., Si par contre on impose un lancement unique, les
transferts sont a priori différents et consomment chacun une quantité d’ergols supé-
rieure. Les manoeuvres optimales ont 6té déterminées dans les deux cas.

INTRODUCTYON

La définition d’un systéme de télécommunication relayé par satellites impose le
choix d’orbites bien adaptées 2 la zone géographique que l‘on désire couvrir. En effet,
tout point de cette zone doit &tre en visibilité pexmanente d‘au moins un satellite re-
lais sous le site le plus élevé possible pour assurer de bonnes conditions de communi-
cation, méme en présence d’obstacles comme en zone urbaine ou montagneuse.

Si pour les régions équatoriales, l‘utilisation d‘un satellite géostationnairxe
permet de remplir aisément cette condition, il n’en est pas de méme pour les latitudes
plus élevées. Aussi le concept SYCOMORES du Centre National d’Etudes Spatiales (CNES)
propose, pour couvrir la majeure partie de l’Europe, d’utiliser deux satellites placgs
sur des oxbites géosynchrones 24h, excentriques et inclinées, dont les noeuds ascen-
dants sont décalés de 180°. Les traces au sol de ces satellites seraient identiques,
mais parcourues avec un décalage de temps de 12 heures de fagon 3 assurer un service
permanent sur l’Europe. Un site de visibilité toujouxs supérieur 2 55° pour l’un au
moins des deux satellites permettrait, dans le cas de communications entre véhicules
terrestres, de doter ceux-ci de simples antennes non orientables pointées verticale-
ment.

Pour mettre 2 poste les deux satellites, il est proposé de les injecter au moyen
d’un lanceur Ariane 4 sur une oxbite de transfert géostationnaire (GTO) standaxd. Un
moteur 2 liquides ré-allumable permet alors de faire passer chaque satellite sur son
orbite définitive en deux ou trois phases propulsives. Les deux satellites peuvent étre
injectées sur une méme oxbite GTO & la suite d’'un lancement unique, auguel cas les
transferts optimaux du point de vue de la masse d‘ergols consommée ne sexont pas effec-
tués par les mémes manoeuvres. La seconde solution consiste & injecter les sacailites
en deux lancements distincts (au cours desquels chacun d‘eux pourrart éventuellement
accompagnexr un géostationnaire). En choisissant convenablement 1'intervalle de temps
séparant les tirs, on peut toujours faixre en sorte que la configuration géométrique de
l’orbite finale par rapport & l’orbite GTO de départ soit la méme pour les deux trans-
ferts. Par conséquent, les manoeuvres optimales permettant de les réalisexr sont dans cé
cas identiques pour les deux satellites.

Quelle que soit la procédure de lancement choisie (tirs séparés ou tir unique}, la
détermination des manoeavxes & deux ou trois impulsions permettant de transférer chaque
satellite sur son oxbite finale pour une consommation d’ergols minimale est un prcbléme
dont on ne connait pas de solution analytique, étant donné que chaque transfert s’ef-
fectue ici entre des orbites qui ne sont nl coaxfales ni coplanaires (1). Ce pobléme a
donc 6té traité par une méthode d’optimisation numérique basée sur 1l’algorithme du
gradient projeté généralisé de 1/ONERA, qui présente l'intérét de pouvoir prendre en
compte facilement les contraintes opérationnelles du probléme, sans avoir 3 priori une
idée do la solution optimale. Les transferts optimaux & deux et trois impulsions ont
ainsi été déterminés pour chague precédure de lancemsnt.

ORBITES SYCOMORES {3}

SYCOMORES est un concept de télécommunication entre véhicules terrestres relayé par
satellite. I1 permettrait d’assurer en permanence un service de haute qualité sux la
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plupart de l’Europe, ou sur toute zone de dimensions et de situation en latitude compa-
rables. Il est prévu pour cela d’‘utiliser deux satellites remplissant 2 tour de rfle la
fonction de relais par périodes de 12 heures. Les deux satellites seralent placés sur
des orbites géosynchrones, excentrigues et inclinées caractérisées pax les paramdtres
suivants:

- demi grands axes: a; = ag = 42 164 km (période 24 heures)
- excentricités: e = ey = 0.35
- inclinaisons: iy = i5 = 60°
- arguments de périgée: w) = wy = 270°

Pour que le systeéme fonctionne convenablement, il faut que les deux satellites parxcou-
rent par rapport & la Terxre une trajectoire unique, mais avec un décalage de 12 heures
des temps de passage en un point donné. Cette condition est satisfaite gréce a deux
équations liant les paramdtres orbitaux restants:

- ascensions droites des noeuds ascendants: Q - Q) =1 (1)
- anomalies moyennes: My - My = 180° (2)

Le noeud ascendant de l’une des orbites coincide donc avec le noeud descendant de
1’autre, et l‘un des satellites passe au périgée chaque que fois que le second est 2
1’apogée.

La trajectoire décrite par rapport & la Terre, qui est la méme pour les deux satel-
lites et dont la trace au 8ol est représentée en figure 1, n’est pas entidrement
définie par ce qui précéde. Il faut spécifier en outre la longitude d’un de ses points,
par exemple celle de 1l’apogée qui s’exprime par:

LA=QI+M1'TSG—R/2 (3)

ol TSG est l’angle repérant la position du méridien de Greenwich dans le repare absolu
de référence, & l’instant pour lequel est donnCe l’anomalie moyenne M; du satellite 1.
La valeur de Lp actuellement retenue pour un service de télécommunication de couverture
européenne est:

Lp = 8°  (Est)

Rucune condition supplémentaire n’étant requise pour le fonctionnement correct du
systéme, il existe un degré de liberté dans la définition des crbites. Cela provient du
fait qu’'il n’est pas utile d'imposer de fagon absolue la chronologie du mouvement des
satellites: seul importe le décalege de 12 heures entre leurs temps de passages en un
point donné de la trajectoire. En conséquence, on peut paxr exemple choisax librement la
valeur de Q;: 9y est aloxs fixé par (1), et les valeurs de M; et M & tout instant sont
définies par (2) et (3).

Fig. 1: Trace au sol des satellites SYCOMORES

Chagque satellite est utilisé comme relais de télécommunication pendant la période
de 12 heures centrée sur l‘instant de passage & l’apogée de son orbite. Les valeurs
choisies pour les paramétres 2, i et « sont telles que le mouvement apparent du satel-
lite par rappoxt A& la Terre est alors de faible amplitude. En particulier, sa latitude
et son altitude demeurent élevées durant les 12 heures de service. De ce fait, et gréce
a4 l’utilisation de deux satellites, un des deux relais est vu en permanence en Europe
sous un site nettement supérieur & celui sous lequel un géostationnaire peut étre
observé. Les communications sont donc moins sensibles aux obstacles, comme en zone
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urbaine ou montagneuse. La figure 2 indique les iimites de la région ol le site de vue
du satellite relais est A tout instant supérieur 3 55°, ce qui est le critdre choisi
pour définir une utilisation satisfaisante du systéme.

Fig. 2: zone de service permanent du syst@me SYCOMORES (site > 55°)

PROCEDURE DE MISE A POSTE

Pour mettre A poste les deux satellites relais du concept SYCOMORES, il est proposé
de les injecter dans un premiexr temps sur l’orbite de transfert géostationnaire stan-
dard (GTO) délivrée par un lanceur Ariane 4. Il s’agit d‘une oxrbite 200 km - 36 000 km
inclinée & environ 10° sur 1’Equatenr. Son apogée, qui coincide avec le noeud ascen-
dant, appartient 2 l’orbite géostationnaire, si bien qu’une seule impulsion suffit en
principe pour assurer la mise a poste d’unr satellite sur ce type d’orbite. L'orbite GTO
que nous avons considérée peut &tre carvactérisée par les paramdtres oxbitaux suivants:

ag = 24 372 km
€y = 0.35

ig = 10°

we = 180°

Quant 2 l’ascension droite du nceud ascendant g, elle est foncticn de l’instant de tir
puisque la longitude (par rapport a la Terre) du premier passage & l’apogée est la méme
2 1l’issue de tous les lancements.

I} faut noter que ce choix de l‘orbite GTO en tant qu’crbite de depart de la mise 2
poste résulte en premier lieu du souci d’utiliser une procédure de lancement éprouvée.
Il autorise d’autre part l’injection simultanée d’un géostationnaire. Il aurait été
cependant possible de définir, pour le lanceur retgnu, une trajectoire de montée dédiée
2 la mise & poste des satellites SYCOMORES qui permette de fairs de substantielles
économies d’exgols: l‘injection serait faite sur une orbite quasi coplanaire et sécante
avec l’orbite visée, si bien que le transfert final serait fait en une seule impulsion
f4].

Deux variantes sont en fait envisagées pour la mise & poste via l’orbite GTO. La
premidre solution consiste A inje~ter les deux satellites en un seul lancement, de
telle sorte qu’ils sont tous les deux placés sur la méme orbite GTO. Chaque satellite
est ensuite transféré sur sa propre orbite finale en deux ou trois arcs de poussée, au
moyen d‘un moteur & liquides ré-allumable. L‘’inconvénient d’une telle procédure est
qu’elle requiert des manoeuvres a priori différentes pour les deux transferts, qui ne
consomment don¢ pas forcément la méme quantité d’exgol. En outre, la consommation
totale est de toute fagon supérieure A celle gque nécessiterait la seconde technique de
mpse & poste proposée. Celle-ci consiste 3 réaliser l’injection préliminaire en deux
lancements séparés, avec un intervalle de temps entre les tirs tel que les deux orbites
GO obtenues aient des noeuds ascendants diamétralement opposés par rapport au centre
de la Terre. En effectuant les mémes manoeuvres de transfert pour les deux satellites,
on est donc assuré que leurs orbites finales présenteront elles aussi cette propriété,
c’est-A-dire:

Qy - Q) = 180°

ce gqui est précisément ce que l’on recherche. Par conséquent, et contrairement & ce gqui
se produit dans le premier cas, le respect de cette contrainte n’influe en aucune
mani®re sur la détermination des manoenvres optimales, qui consomment la méme quantité
d’ergols pour les deux transferts. En contre partie, cette seconde procédure est un peu
plus délicate d’un point de vue opérationnel, puisgu’il existe un seul instant de
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larncement possible par jour pour le second satellite, une fois le premier satellite
injecté. L’'heurw repérant cet instant avance de 4 minutes d’un jour 2 l’autre, soit la
différence entre le jour solaire et la période de rotation terrestre.

Il s’agit en sorme de quantifiexr le gain d’ergols que permet de réaliser la seconde
procédure par rapport 3 la premiére, ce qui perxmettra de décider s’il justifie une
procédure de mise 3 poste un peu plus contraignante.

TRAYTEMERT DU PROBLEME

On souhaite déteruniner les manoeuvres optimales permettant de transférer les deux
satellites SYCOMORES sur leur crbite finale A partir d’une orbite GTO Ariane 4, dans
les deur. hypoth2ses d‘injection (lancement individuel ou couplé). Le critére a maximi-
ger est ici la masse utile des satellites, la masse initiale injectée sur orbite GTO
étant fixéc. Cela revient bien siir A minimiser la masse d‘ergol consommée par la mise &
poste.

Nous avons choisi de ne pas limiter la durée des transferts. De méme, nous ne nous
sommes pas préoccupés pas de la position des satellites sur les orbites finales, ou de
fagon équivalente de la position de leurs traces & la surface de la Terre. On sait en
effet que l’anomalie d’un satellite peut @&tre corrigée au prix d’une consommation
d’exgols minime, & condit:on de répartir cette corxrection sur une période suffisamment
longue. D’aitre part, aucune contrainte sur la direction et le module des impulsions,
cur la visibilité des points de manoeuvres par des stations terxre:tres, ni sur les
conditions d‘éclairement solaire n’a é*'% prise en compte.

Que la mise a poste soit couplée ou individuelle, nous avons cependant imposé a
chaque transfert de respecter deux types de contraintes. D’aboxd, l/altitude de périgée
des diverses orbites intermédiaires doit &tre supérieure a 200 km, afin d’éviter un
freinage atmosphérique intense et pour assurer eainsi leur viabilité sur plusieurs
révoiutions. Ensuitz, la distence de manoeuvre par rapport au centre de la Texre ne
doit &tre ni trop petite, pour des raisons de visibllité par des stations tervestres,
ni trop grande powr des raisons de bilan de liaisor avec ces stations. Pour limite
bagse, nous avons adopté la plupart du temps la valeur 200 km (de sorte que cette
contrainte est automatiquement satisfaite si la premiére l‘est aussi). Pour limite
haute, nous avons choisi la valeur arbitraire d2 100 000 km, qui permet en outre de
maintenir & faible nivean les éventuelles perturbations gravitationnelles de la Lune.

Pour ¢ette premidre évaluation des cofits de mise 2 poste, le mouvement balistique
des satellites a &été considéré comme étant purement képlérien et les manoeuvres ont été
modélisées par des impulsions. ce qui permet de définir chaque transfert par un nombre
fini de parcmétres. Le probleéme a donc pu &tre traité par un logiciel général d‘optimi-
sation parawétrigue basé sur 1l’algorithme du gradient projeté. Cet algorithme permet,
par opposition A& ceux de type gradient conjugué, de prendre en compte directement des
contrsintes d’égalité ou d’inégalité, sans avorr 2 estimer des multiplicateurs de
Lagrange ou des coefficients de pénalisation inconnus. La version que nous avons déve-
loppée & 1’ONERA tenéficie d’une amélioration de la technique de prcjection (projection
"généralisée”) qui permet de xattraper progressivement les erreurs de réalisation des
contraintes. De la sorte, il devient possible d’initialiser le logiciel par un jeu de
paramétres "non falsables®, c’est & dire qui ne satlisfont pas d’emblée toutes les
contraintes {5].

L’algorithme utilisé est évidemment susceptible de converger non seulement vers
1’optimum absolu, mais encore vers tout optimum local. C’est pourguoi nous avons systé-
matiquemént essayé un nombre asser important de jeux de paramétres initiaux, afin que
la solution réellement optimale figure de fagon quasi-certaine parmi les résultats
obterus. Cette technique a £té grandement facilitée par la robustesse et la rapidité de
traitement du logiciel.

Les deux procédures de misc d poste, individuelle et couplée ont &été successivement
étudifes, en considérant dans chacun des cac des transferts 2 deux et trxois impulsions.

PARAMETRAGE D‘UN IRANSFERT IMPULSIONNEL

Une fagon naturelle de décrire un transfert entre deux orbites 3 N impulsaons
consiste & indiguer pour chacune d’elles:

~ la pesition sur l’orbite courante du point oll elle est effectuée,
repéxée par exemple par son anomalie vraie,
- les trois composantes de la variation de vitesse imprimée.

5i ce jeu de 4N paramétres définii entiérement le transfert, l‘orbite finale obtenue a
1’issue des N impulsions ainsi décrites n’a a priora aucune raiscn de coincider avec
l’orbite finale visée. Pour assurer l’égelité de ces deux orbites, il faut fixer autant
de contraintes que de paramétres orbitaux imposés, c’est & dire au pluc 5 dans le cas
présent puisque l‘on ne se préoccupe pas de la position des satellites sur les porbites
finales. Dang le cas d’une orbite finale entidrement fixée (& l’anonalie prasj, il y a
donc 4N-5 degx¢s de liberté pour définir un transfert 3 N impulsions, soit 3 en bi-
impulsionnel et 7 en tri~impulsioanel.
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PlutSt que d’employer effectivement les paramdtres intuitifs mentionnés ci-dessus,
et d’imposer 5 contraintes d’égalité, il est préférable de choisir un jeu de 4N-5
paramdtres gui les satisfasse d'emblée. Bien que le logiciel utilisé soit parfaitement
capable de les prendre en compte, le traitement sera en effet d’auntant plus rapide que
les contraintes et les paramdtres seront moins nombreux.

Que ce soit pour les transferts & deux ou trois impulsions, le jeu de paramétres
effectivement choisi est basé sur le fait qu’il existe une seule orbite elliptique de
param@tre donné p=a(1-e2) passant par deux points quelconques de l’espace, & condition
toutefois que ceux-ci ne soxent ris alignés avec le centre de la Terre.

Pour un transfert bi-impulsionnel, nous avons donc retenu comme param@tres:

- l’anomalie vraie vg de la premiére impulsion sur l‘orbite init:ale,
- l’anomalie vraie v¢ de la seconde impulsion sur l’orbite finale,
~ le paramdtre p de l‘orbite intermédiaire.

En réalité, ces 3 paramdtres ne suffisent pas pour décrire entiérement le transfert. Si
l’orbite intermédiaire est bien définie de fagon unique, elle peut cependant étre
parcourue dei;s les deux sens. Il faut par conséquent ajouter en toute xigueur un qua-
triéme paramdtre discret M définissant le sens de parcours, par exemple:

~ M=l si l’ouverture de l’arc d'orbite est inférieuxe a 180°,
~ M=~1 sinon.

Quant au transfert tri-impulsionnel, il peut &tre caractérisé par les 7 paramdtres
continus suivants:

- l’anomalie vraie vy de la premiére impulsion sur l’orbite initiale,

- l’anomalie vraie v¢ de la seconde impulsion sur i’orbite finale,

- les trois coordonnées sphériques de la seconde impulsion (distance d du centre de
la Terre, ascension droite «, déclinaison §),

- le param®tre pj de la premiére crxbite de transfert,

~ le paramétre p; de la seconde orbite de transfert,

guxquels il faut ajouter 2 paramétres discrets:

- M3 et M, définissant respectivement le sens de parcours de la premidre et de la
seconde orbite de transfert.

En définitive, il est possible de décrire un transfert bi ou tri-impulsionnel par
des paramdtxes en nombre égal au nombre de degrés de liberté, si l’on fait abstraction
des paramdtres discrets définissant le sens de parcours des orbites intermédisires.
Aucune contrainte n’est alors nécessaire pour assurer la coincidence entre l’orbite
obtenue & l'issue des manceuvres et l’orbite finale visée. Le paraméirage indiqué ci~
dessus n’est cependant pas parfait dans la mesure od il n’est pas valide lorsque deuvx
impulsions successives du transfert sont alignées avec le centre de l« Terre. En ce qui
conczrne la mise A poste dus satellites SYCOMORES, il semble toutefois que la solution
optimale ne coxresponde jamais A cette situation.

MISE A POSTE INDIVIDUELLE

On ne se oréoccupe dans ce cas que de ia mise 2 poste du premier satellite, puisque
le transfert du second sera identique en manoenvres et en cofit si 1’on choisit judi-
cieugement 1‘instant du deuxilme lancement. Rappelons qu’aucune contrainte n’est
imposée & L’ascension droite ; du noeud ascendant de 1’orbite finale du premier
satellite, dont seulement 4 parametres sont fixés. Avec le formalisme adopté ici, on
considérera que l’angle A9=Q;-2; entre les lignes des noeuds initiale et finale du
transfert est un paramdtre supplémentaire qu’il faut déterminer. Il y a donc au total 4
paramétxes continus & optimiser en bi-impulsionnel, et 8 en tri-impulsionnel.

On souvhaite maximiser la masse finale m¢ du sztellite aprés mise A poste, sa masse
initiale mp étant fixée. Ces deux grandeurs sont liées par 1’équation:

mg - av/W
—— 3T e
my
ou: ~ W est la vitesse d’éjection des moteurs de mise & poste,

- AV est la “variation de vitesse caractéristique* associée auv tranafert
{gonme des neormog des vaciations de vitesse du satellite produites pax les
impulsionsg).

Maximiser me est donc équivalent 2 minimizser AV, grandeur qui a le mérite d’8tre indé-
pendante des performances du moteur, représentées ici par W. C’est donc la variation de
vitegse caractéristique AV qui est classiquement choisie comme critere 2 minimiser.
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La contrainte imposant 2 l’altitude de périgée des diverses orbites intermédiaixes
du transfext d’étre supérieure & 200 km est prise en compte pour les manoeuvres a deux
comme & trois impulsions. Par contxe, la limitation & 100 000 km de la distance entxe
le centre de la Terre et les points de manoeuvre n’a de rxaison d’étre que dans le cas
du transfert tri-impulsionnel. Elle est en effet nécessairement satisfaite en bi-
impuicionne)l, compte tenu de la nature des orbites initiale et finale du transfert.

En pratique, le transfert optimal a été déterwminé de deux fagons différentes. La
premidre technique employte a consisté 2 ne pas traiter 4§ comme un paramétre 3 optimi-
ser mais comme une donnée: nous avons effectué toute une série d’optimisations pour des
valeurs de A§ réparties entre -180° et 180°. La valeur optimale de 4R ainsi que celle
du cofit correspondant sont ensuite identifiées graphiquement. L‘intérét de cette
méthode lourde et peu précise est qu’‘elle rend fort improbable la possibilité que la
selution finalement obtenue ne soit pas l‘optimum global du probléme. Et surtout, les
résultats de ce balayage permettront de résoudre aussi le probléme de la mise & poste
couplée. Par ailleurs nous avons également effectué une optimisation compléte (3 AQ
libre) pour confirmer et affiner la solution fournie par la premidre méthode.

Transfert bi-impulsionnel

La technique de balayage permet de tracer l’évclution du cofit du transfert optimal
en fonction de AQ (figure 3). En xéalité, quelque soit la valeur de ce paramdtre, le
logiciel d‘optimisaction converge toujours vers plusieurs solutions (généralement deux),
selon l‘initialisation qui lui a été fournie. Seul le cofit de la plus é&conomique
d’entre elles a 6té représenté.

AV cptimal {m/f3)

5C00 O

2 impuisions . .

3 impuisions T
AV= 2259 mis

-166.0 0. 130 0 AQ D

Fig. 3: CoQt des transferts individuels optimaux

L'existence d’optima multiples explique la présence de deux points anguleux sur
cette courbe. En effet, les diverses solutions obtenues pour une valeur donnée de A9
appartiennent A autant de familles d’optima locaux dont les paramdtres et le cofit sont
des fonctions continues et dérivables de AQ. Or suivant la valeur de ce paramdtre, la
solution optimale globale n’appartient pas toujours & la méme famille de "candidats a
1’optimalité”, Les valeurs de AQ pour lesquelles se produisent les transitions corres-
pondent 2 une discontinuité de pente de la courbe de colit, et a une discontinuité des
parandtres optimaux.

D’autre part, on peut constater que, lorsque AQ varie, i)l existe deux minima nette-
ment marqués pour les valeurs 4Q= -9° et AQs -169°. La premiZre conduit au cofit le plus
faible, soit AV = 2470 m/s. Ces résultats sont entidrement confirmés par l’optimisation
compléte qui fournit la description précise du transfert, visualisé sur la figure 4:

O = ~9.1°

vg = 170.4° AV = 2472 m/s 18re impulsion: 2330 m/s

vg = 237.7° 2°Me jmpuision: 2 m/s

p = 39150 km

¥ =1 -

La premiére impulsion représente 96% du AV total du transfert. Elle est réalisée au

voisinage de l’apogée de l’orbite GTO (vg = 170.4°), ol la vitesse du satellite est 1

i plus faiblo. Il est alors particuliérement facile de modifier son orientation et de

N faire passer le satellite sur une orbite intermédiaire presque coplanaire avec l’orbite

finale visée. Au point d’intersection de ces deux orbites. la seconde impulsion effec-
tue une correcticin minime pour compléter la mise A poste.




R

AV2= 92 mis l 2 impulsions I

AVi+ AV2 = 2472 mis

~—— AVi= 2380 m/s

Frg. 4: Transfert bi-impulsionnel optimal (mise & poste individuelle)

Remarquon. nue la valeur AQ=-9.1° permet d’amener 1l’apogée de l’'orbite GTO & proxi-
mité du plan a. l’'orbite finale. C’est la configuration la plus favorable pour réaliser
le changement < plan, qui est la partie la plus cofiteuse du transfert. Cette configu-
ration peut natureliement &tre obtenue pour deux valeurs de AR distantes de 180°. Cela
explique l’existence du second optimum pour AQ= -169°. Son cofit est cependant plus
élevé puisque l’inclinaison mutuelle des orbites est alors de 70° environ, au lieu de
50° dans le cas précédent.

Pour la solution optimale, 1l’altitude de périgée de l’orbite de transfert est
d’approximativement 23 000 km. Il ne se pose donc aucun probléme de perturbation par
1'atmosphére. De plus, l’observation des points de manoeuvre par des stations terres-
tres est aisée. L'altitude de périgée est également supérieure & 200 km pour toutes les
valeurs de AQ autres gque -9.1°.

Transfert tri-impulsionnel

La courbe d‘évolution du cofit optimal en fonction de AQ est comparable a celle
obtenue pour le transfert bi-impulsionnel (figure 3). Comme précédemment, il existe en
fait plusieurs familles de solutions. L’optimum global appartient & l’une ou & l‘autre
selon la valeur de AQ. Il existe en conséquence 2 points anguleux sur la courbe,
coxxrespondant & une discontinuité des parameétres. X1 est intéressant de noter le
transfert tri-aimpulsionnel consomme systématiquement moins d‘ergol que le transfert bi-
impulsionnel, quelque sort la valeur de AQ. Le minimum du cofit optimal lorsqu’‘on fait
varier AQ est obtenu pour AQ~-7°. L’optimisation directe des 8 parametres de la mise 2
poste confirme ce résultat et précise les caractéristiques du transfert optimal corres-
pondant:

A= ~6.9°
vo=  4.6°
ve= 243.4°
o= =6.1° 18re impulsion: 442 m/s
§ = =~1.1° AV=2259 m/s 28m¢ jppulsion: 1148 m/s
d =1gg ggg ﬁﬁ 3%Me jnpulsion: 669 m/s
Py=

= 56 230 km
My=My=1

La premiére impulsion est effectuée 2 proximité du périgée de l‘orbite GTO (vg =
4.6°). Elle produit essentiellement une montée de 1l’apogée jusqu’ad une distance voisgne
de la valeur maximale permise pour les manoeuvres (100 000 km), sans modifier 1les
autres caractéristiques orbitales. En particulier, le plan de l‘orbite reste inchangé.
Les deux manoeuvres suivantes sont tout & fait comparables 2 celles du transfert bi-
impulsionnel. La secounde impulsion, réalisée au voirsinage de l’apogée de la premidre
crbite de transfert, effectue le changement de plan; elle représente un peu plus de la
moitié du cofit total. La troisiéme impulsion assure la mise A poste finale au point
d’intersection de la seconde orbite de transfert avec l’‘orbite visée (figure 5).

En éloignant l’apogée de l'orbite intermédiaire, la premildre manoeuvre permet de
réduire nettement la vitesse du satellite en ce point, ce qui facilite grandement le
basculement de plan réalisé par la seconde impulsion. Son cofit a donc pu &tre réduit de
moitié, de 2380 m/s & 1148 M/s. Malgré l’sjout d‘une manoeuvre préliminaire et 1’'aug-
mentation trés nette du AV de la dernidre impulsion, cette procédure reste avantageuse
par rapport au bi-impulsionnel. Le gain global est de 213 m/s, soit l’équivalent de
quatre années du maintien & poste d’un satellite SYCOMORES {3].
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Quelque soit la valeur de AQ, les orbites intermédiaires ont toujours une altitude
de périgée supérieure a 200 km, comme dans le cas du transfert bi-impulsionnel. La
premidre ne l’est cependant que de 3 km pour la solution optimale. La contrainte de
distance maximale de manoeuvre est par contre systematiquement active. La suppression
de cette contrainte s’accompagnerait donc de l’accroissement du paramétre d. Dans le
cas du transfert optimal, un essai d’optimisation a été fait en portant a 1 000 000 km
la valeur maximale imposée 3 ce parametre: comme auparavant cette limite a 6été attein-
te. Il semblerait donc que la solution optimale naturelle consiste 2 faire passer le
satellite sur une orxbite parabolique, A réaliser le changervat de plan & l’infini pour
un colit nul, et A revenir couper l’orbite finale visée sur un second arc de parabole.
On retrouve 13 le transfert optimal *“bi-parabolique"™ déja connu pour des transferts
plus simples [1].

3 mpuisions I

AVI+AV2 + AV3 = 2259 mis

AV3= 669 m/s VI 442
= mis
\

1 AV2= 1148 mis

/

K

Fig. 5: Transfert tri-impulsionnel optimal (mise 2 poste individuelle)

Enfin, on peut remarquer que pour ce transfert tri-impulsionnel, une impulsion
assez importante (la premildre) est délivrée au voisinage du pé igée de l’orbite GTO, ¢
qui pourrait s’avérer génant sur le plan opérationnel (difficulté d’établir une liaison
directe avec des stations sol). C’‘est pourquoi nous avons refait un calcul d’optimisa-
tion en imposant une altitude minimale de manoeuvre de 2000 km. On constate que la
perte de performance induite se limite 2 53 m/s de vitesse caractéristique supplémen-
taire.

MISE A POSTE COUPLEE

Les deux satellites sont injectés saimultanément sur une méme orbite GTO, 2 partir
de laquelle ils scnt ensuite transférés individuellement vers leurs orbites finales
xespectives. Nous avons vu qu’il existe un degré de liberté dans le choix de leurs
2x5=10 parametres orbitaux. La seule contrainte imposée aux ascensions droites 93 et 2
des noeuds ascendants de la premidre et de la seconde orbite est de vérifier:

ﬂz = Ql + 180°

Comme auparavant, on considérera donc AQ = €; - Q5 comme un parametre supplémen-
taire du transfert a déterminer. Par contre, la configuration de la seconde orbite
relativement & l’orbate GTO, définie par 09’ = @ - Q, sera alors imposée puisque:

A9 =AQ + 180°

Il sragit donc d’optimiser AQ et le jeu de paramétres définissant chaque transfert,
soit au total 7 paramétres continus en bi-impulsionnel et 315 en tri-impulsionnel. Le
critére que l’on souhaite maximiser est toujours la masse finale mg de chaque satellite
aprés mise 2 poste, la .asse totale mpy + mpy placée sur orbite GTO &tant fixée. Les
satellites SYCOMORES remplissant une fonction identique, on impese naturellement que mg
soit la méme pour les deux. Dans ces conditions:

mg - AV3/W me Tm WalW
— = et — e
mg1 mp2

olt: ~ W est la vitesse d’éjection des moteurs de mises A poste,

- 4Vy et AV, sont les cofits en vitesse caractéristiquc des deux transferts.
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mpy + myy &y /W I\NpYAY
Par conséquent —_—_— = e + e
me

On peut définir une variation de vitesse caractéristique fictive AV correspondant a un
transfert unique conduisant aux mémes variations de masse:

\NAYA AVo /W
myy + mg2 .o AV/W + e

donc AV = W Log
2 m¢ 2

Maximiser mf est équivalent a minimiser AV, qui est indépendant de la masse mpjtmgo
injectée sur GTO. C’'est donc AV que nous avons choisi comme indice de cofit. Il est
intéressant de noter que la solution optimale dépend {un peu) de la vitesse d’éjection
W, contrairement au cas du transfert individuel.

Avant d’effectuer l’optimisation compléte des 7 ou 15 paramdtres du transfert, nous
avons traité le probldme par simple exploitation des courbes donnant le cofit optimal
d’un transfert unique en fonction de AQ, obtenues précédemment dans le cas de la mise 2
poste individuelle. En effet, pcur une valeur donnée du paramétre AR, ces courbes
donnent bien sfir le coit AV; du premier transfert, mais aussi le cofit AV, du second,
puisqu’il s‘agit de la valeur correspondant & AQ+180°. Il est ainsi possible de calcu-
ler le cofit global AV du transfert couplé pour toute valeur de AQ. Nous avons donc
représenté graphiquement l’évolution de AV en fonction de AQ dans le cas des manoeuvres
bi et tri-impulsionnelles (figure 6). Le tracé aurait pu étre fait pour des valeurs
comprises entre -90° et +90° seulement, puisque la périodicité en AQ du probléme de la
mise & poste couplée est de 180°. La vitesse d’éjection a été fixée a 2800 n/s.

AV optimal (m/s)

5600 O

2 mpuylsions

2500 0+

3 impulsions
&V= 2423 mis

0 T

~580 0 o 180 © A0 ()

Fi1g. 6: Colt des transferts couplés optimaux

Les manoeuvres tri-impulsionnelles sont bien sr plus économiques que celles a deux
impulsions quelle que soit la valeur de 42, puisque c’était déjd le cas pour la m.se a
poste individuelle. Qu’il s’agisse des manoeuvres 3 deux ou trois impulsions, on
constate l‘existence d‘un seul optimum pour une valeur de AQ voisine de 0°. L’'optimi-
sation directe de la mise A poste confirme les résultats obtenus et fournit les valeurs
exactes des variations de vitesse caractéristique pour chaque transfert:

bi-impulsionnel: tri-ampulsionnel:
49 = 1.3° AR = 0.6°

AV = 2885 m/s AV = 2423 m/s
AVy= 2642 m/s AVy= 2306 m/s
AVo= 2885 m/s OVay= 2535 m/s

Comme prévu, les deux transferts de chaque mise 2 poste différent par le cofit (et

donc aussi par les caractéristiques des impulsions). La différence de AV se chiffre a

- environ 230 m/s, en bi comme en tri-impulsionnel. Cela se traduit par un écarxt de 9%

B entre les masses initiales des satellites, juste aprds 1’injection sur GT0. Il faut

- noter que dans 1‘’hypoth&se vraisemblable d’une structure identique pour les deux satel-

lites, le réservoir d’ergols de l’un d’entre eux est par conséquent partiellement
rempli au départ.
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Le couplage des mises 2 poste conduit & une augmentation du coft global de 413 m/s
pour le transfert bi-impulsionnel. Cette perte de performance trads nette fait pexdre
dans ce cas tout intérét A la procédure de lancement unique. L’augmentation du coiit est
plus raisonnable pour le transfert a trois impulsions: elle est de 164 m/s. Cela ne
semble cependant pas suffisant pour faire de la mise & poste couplée une solution
intéressante, en raison de la valeur déja tréds élevée du colit nominal (2259 m/s).

CONCLUSION

Le probléme de la détermination des manoeuvres bi et tri~impulsionnelles a consom-
mation d‘ergols minimale permettant de mettre a poste les deux satellites du concept
SYCOMORES a été traité numériquement par une méthode d’optimisation paramétrique par
gradient projeté généralisé mise au point 2 1’ONERA. Cet algorithme s‘est montré d’un
emploi treés satisfaisant par son aptitude & converger rapidement vers une solution
localement optimale quelles que soient les manoeuvres proposées pour l’initialiser.
Grice & cctte robustesse, il a été possible d'essayer systématiquement un grand nombre
d’initialisations, la meilleure solution ainsi obtenue étant vraisemblablement l‘opti-
mum global du probléme. D’autre part, la faculté de la méthode de traiter efficacement
des contraintes s’est avérée utile pour optimiser les transferts tri-impulsionnels,
pour lesquels il est aindispensable de limiter la distance maximale de 1l’impulsion
intermédiaire.

Il est apparu que la procédure cunsistant & injecter simultanément les deux satel-
lites sur une méme orbite de transfert géostationnaire & la suite d‘un lancement unique
conduit & une consommation d’ergols différente pour les deux txansferts ultérieurs.
Elle est dans tous les cas supérieure A celle des manoeuvres qu’il est possible de
réaliser en déployant les satellites en deux lancements distincts, faits A des instants
séparés par une durée judicieusement choisie. La différence globale, qui se chiffre a
164 m/s de vitesse caractéristique dans le cas le plus favorable (tri-impulsionnel),
semble trop importante pour faire de la mise 2 poste couplée une solution acceptable,
en raison du niveau déjd trds élevé de la consommation requise dans le cas de la
technique des lancements séparés. La variation de vitesse caractéristigue minimale, qui
est alors la méme pour les deux satellites, est en effet de 2472 m/s pour les manoeu-
vres & deux impulsions, et de 2259 m/s pour celles a trois aimpulsions. Cette derniére
valeur dépend en fait de la distance maximale autorisée pour réaliser 1’impulsion
intermédiaire, la consommation étant bien sir une fonction décroissante de ce paramé-
tre.

Le choix des transferts tri-impulsionnels parait justifié par 1l’'économie d'exrgols
qu’ils offrent paxr rapport aux manoeuvres a deux impulsions. Cette économie, qui
correspond & quatre ann€es du maintien & poste des satellites, compense avantageusement
les difficultés opérationnelles posées par la réalisation de la premiére des trois
impulsions. Le probléme provient de ce gu’elle est laite au voisinage du périgée de
l’orbite de transfert géostationnaire. L’‘altitude du satellite est alors proche de 200
km, et 1l est par conséquent délicat d‘assurer a ce moment des communications avec une
station de contréle terrestre. La situation peut toutefois étre améliorée en imposant
une distance minimale de manoeuvre supérieure a 200 km. Si l'on porte cette limite
inférieure & 2000 km, on ne désoptimise le transfert que de 53 m/s.
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SUMMARY

Noncoplanar orbital plane change trajectories for an aercassisted sortie vehicle
(ASV) from a 220 nautical mile circular orbit at 28.5 degrees inclination to a 150
nautical mile circular polar orbit were optimized, subject to nose stagnation tem-
perature constraints. Both synergetic and two-impulse-deorbit aeroassist trajectories
were successfully optimized. The baseline aeroassisted sortie vehicle, a double-delta
1ifting body, had a maximum hypersonic L/D of 3.4. The ASV was powered by a liquid
hydrogen/oxygen rocket engine. The optimized synergetic plane change trajectory resul-
ted in the delivery of more pounds of payload to polar orbit than the two-impulse-
deorbit aeroassist trajectory. The propulsive aV expended by the ASV during the
baseline trajectory was less than half the propulsive aV required by a two-impulse,
all-propulsive orbital transfer maneuver. By adding propellant drop tanks of
approximately half of the gross weight of the ASY, the payload weight to polar orbit
was almost tripled with an optimal two-impulse-deorbit aeroassist trajectory. This
trajectory provided more payload to the final orbit for this ASV configuration than a
synergetic maneuver preceded by an exoatmospheric propulsive plane change. To fully
utilize an L/D capability greater than 3, the ASV must be able to sustain maximum nose
stagnation temperatures up to 45060 degrees Fahrenheit.

1.0 INTRODUCTION

Since the early sixties, synergetic or aeroassisted orbital plane change maneuvers
have been studied by a number of people and independent organizations, including the
USAF Flight Dynamics Laboratory. Today, orbital changes from low earth orbit (LED) to
high earth orbits (HEQ), particularly geosynchronous earth orbit (GEO) are accomplished
by all-propulsive upper stages such as the Centaur and the Inertial Upper Stage (IUS),
and rocket motors attached to the payload such as a propulsion assist module ?PAM).

A1l velocity changes and orbital inclination changes required to transfer to the
required orbit are accomplished by a rocket engine burn. All of these upper stages are
expendable.

Since the early 1970°'s, NASA has investigated reuseable aeroconfigured upper stage
concepts that use aerodynamic forces during a pass through the upper atmosphere to
decrease the velocity and, depending upon the vehicle configuration (1ifting shapes),
perform small plane changes during transfer from a high earth orbit to low earth orbit.
The maximum aerodynamic 1ift-to-drag ratio (L/D) of these concepts ranged from 0.25
for ballistic shapes to 1.5 for biconic shapes. These studies showed that by
utilizing aerodynamic drag and 1ift to decrease velocity and change the orbital plane,
significant reductions in propellant and tankage weight could be transferred into
increased payload capability. This orbital transfer technique §s called aerobraking.
In 1980, two NASA studies [1,2] determined that ballistic aercassisted orbital transfer
vehicle (AOTV) concepts could realize a 40% to 50% increase in the payload delivered to
geosynchronous earth orbit by employing aerobraking.

In 1983, the Air Force sponsored a study [3] to evaluate reuseable orbital
transfer vehicle concepts configured for maximum L/D ratios from 2 to 2.5. TVhese
11fting body concepts used rocket propulsion and aerodynamic 1ift and drag to perform
orbital plane changes greater than 40 degrees. By using the synergetic plane change
technique, these high L/D concepts could perform large plane changes with significant
reductions in the propulisive energy (total velocity increment, AV) compared to
all-propulsive orbital transfer vehicles (see Figure 1). Although these high L/D
concepts could not carry as much payload to high earth orbits as the ballistic AOTVs,
they could execute large plane changes and return to a base in low earth orbit.

2.0 CONFIGURATION

The aerodynamic configuration of the aeroassisted sortie vehicle (ASY) is designed
to fly through the Mach 20 to 25 flight regime at a maximum 1ift-to-drag ratio (L/D)
greater than 3, allowing the vehicle to perform aeroassisted orbital plane changes
greater than 50 degrees. The ability to perform such a large orbital plane change
gives the aeroassisted sortie vehicle great potential to perform a variety of
atmospheric and exoatmospheric applications such as the deployment, recovery, or even
servicing of LEO satellites with orbit inclination angles ranging from less tha 28.5
degrees o mere than 20 degrocs,  IE should 2l provide the 2arcaccictad cortis
vehicle with the abflity to perform successive orbital overflights over a particular
area of interest on the Earth's surface. Due to its high L/D, the ASV should also
have a great downrange and crossrange potential upon atmospheric descent to a landing
at a specific site on earth.

The vehicle configuration, shown in Figure 2, is a classical double-deita lifting
body featuring small leading wedges for Tow inviscid drag, small outboard strakes and a
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full-span body flap for extra lift and longitudinal stability, and twin outboard
vertical fins for directional stability. The body flap is divided into a center flap
for extra trim control and right and left outboard flops for integrated pitch and roll
control., Each vertical fin has & trailing edge rudder for directional control.

Additional concept features shown in Figure 2 include an advanced 1iquid hydrogen
and oxygen rocket engine and landing gear. The rocket engine has a vacuunm thrust of
30,000 pounds and a corresponding vacuum Isp of 470 seconds. A passive thermal
protection material is utilized to allow the ASV to sustain stagnation radiation
equilibrium temperatures up to 4500 degrees Fahrenheit (F).

3.0 AERODYNAMICS

The longitudinal aerodynamic characteristics of the sortie .ehicle configuration
were estimated with the hypersonic aerodynmaic methodologies in the Mark IV Supersonice-
Hypersonic Arbitrary-Body Program (4). Aerodynamic coefficients were computed at Mach
numbers of 15, 20, 25, and 27, for altitudes of 150,000, 175,000, 200,000, 250,000, and
270,000 feet. At cach flight condition, aerodynamics were computed at angles of attack
from 0 to 40 degrees in fincrements of 5 degrees.

Figure 3 shows longitudinal stability and control surface effectiveness at Mach 20
for an altitude of 200,000 (200K) feet. The sortie vehicle is slightly unstable at low
anlges of attack, and is stable at the higher angles of attack where the vehicle will
fly in the trimmed (Cm = 0) conditions. The stability and control characteristics are
similar at all the other flight conditions.

The characteristics of trimmed lift~to-drag ratio at Mach 20 and 25 are shown in
Figure 4. At Mach 20, the maximum L/D decreases from 3.4 at 200K feet to approx-
imately 2.4 at 250K fect (Figure 4a), primarily due to the Increase in laminar skin
friction drag coefficlent which 1is greater than 50% of the total drag coefficient at
altitudes near 250K feet and above. At Mach 25 and 270K feet, the maximum L/D drops
below 2 (Figure 4b).

4.0 NONCOPLANAR AEROASSISTED ORBIT TRANSFER

Several past studies [5,6] of aeroassisted noncoplanar orbital transfer have shown
a variety of trajectories that are optimal for certain conditions. Figure 5, from
Hanson [5), presents three major clagsses of aeroassist trajectories that can be the
optinal minumun fuel mode depending on the characteristics of the flight vehicle, and
on the final orbit sought.

The first of these modes is the one-impulse~deorbit aeroassist trajectory, which
is named the aeroassist(l), for brevity. A flight vehicle injtiates this trajectory
with a single deorbit boost that may be applied out of the orbit plane. This causes
the vehicle to enter the planet atmosphere where it maneuvers out of its orbital plane
through ecxecution of a banked glide. The vehicle then applies thrust to complete the
plane change and to raise the apoapsis to the desired finzl orbital altitude. The
trajectory ends with a circularizing thrust phase.

The second class of optimal aeroassisted orbital transfer trajectories is the
two~inpulse~deorbit aerocassisy trajectory, or aeroassist(2). To initiate this
trajectory, the vehicle performs a transfer boost to raise its apoapsis. A second
boost is then performed at apoapsis to lower the periapsis, causing the vzhicle to
enter the planetary atmosphere. The remainder of the trajectory is similar to that of
the aeroassist(l) trajectory.

The third mode of acroassist transfer is the aeroparabolic trajectory. 1In theory,
the vehicle boosts into a parabolic trajectory and travels nearly an infinite distance
where it thrusts to change its orb{t plane. The vehicle then returns to the
atmosphere, utilizing aerodynamic drag to decelerate and to reach the desired final
apoapsis. At this point, the vehicle performs a small thrust to circularize the orbit.
Reducing the maximum altitude of the aeroparabolic trajectory to more realistic values
will eventually drive the trajectory towards the aerocassist(2), where it becomes
optimal to perform a portion of the plane change within the atmosphere. Practical
limits on the duration of a manned orbit transfer for a vehicle like the ASV would
forbid the use of an aeroparabolic trajectory. This aercausist trajectory was therefore
not further investigated in this study.

In his study of optimal aeroassisted orbit transfer, Hanson [5] compares the
optimality of a number of trajectory classes for noncoplanar transfer between circular
orbits. Some results of his work are presented in Figure 6. Hanson {5}, and Vinh and
Hanson [6] (4n earlier work on optimal aeroassisted return from HEO with plane change)
found that the optimal transfer mode depends on the maximum lifr~to-drag ratio of the
flight vehicle, the ratio of final orbital radius to the radius of the sensible
atmosphere, the desired plane change angle, aud the ratio of inftial to final circular
oobis wadlua (a\ In Piruva &, AV/U 4o thao vaedn pnf ental uolnn(hr incramont
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required by the vchiclc to pcrform tﬁe plane change and the final cich]ur orbit
velocity.
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For the bzseline mission examined in this study, an orbital transfer with a 61.5
. degree plane change, the value of n {s 1.0z, Maxinum L/D for the sortie vehicle 1s 3.4.
- Figures 6a, 6b, and 6c present results for flight vehicles with nmaximum lift-to-drag
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ratios of 1.0, 1.5, and 2.0, respectively, and for plane change angles ranging from 0 to
50 degrees. Although AV requirenents for the ASV cannot be deduced from thesc plots
without unreasonable extrapolation, a general trend can be observed. As L/D {ncreases,
the differences in optimality between three of the modes decreases, These three modes
are the one and two-impulse-deorbit aeroassist mancuvers and the synergetic maneuver,
where all the plane change 1s accomplished in the atmosphere. Liberal extrapolation of
these curves to a plane change of 61.5 degrees and an L/D of 3.4 would make all three
trajectory classes candidates for the optimal orbital transfer mode.

In Hanson's analysis, plane change can be accomplished during any of the thrust
phases for both the aeroassist(l) and aeroassist(2) trajcctorfes., It was also assumed
that the next-to~last thrust phase applied in both the aerocassist(l) and aeroassist(Z)
trajectories occurred outside the atmosphere. The aeroassist(2) maneuver examined in
the study that follows allows for plane change throughout the trajectory (with the
exception of the omall final recircularization boost) and the boost to final apoapsis
which occurs within the atmospherc,

The synergetic orbital plane change trajectory is actually a special case of the
aeroassist(l) trajectory, where all the plane change is accomplished within the
atmosphere. Preliminary findings for the applications investigated in this report
indicate that there was no significant advantage to performing the required plane
change with the aeroassist(l) %rajectory compared to the synergetic maneuver. Because
the aeroassist(l) trajectory is exponentially more time consuming to numerically
optimize than the synergetic maneuver (without promise of being more optimal for the
baseline trajectory examined), the aeroassist(l) mode was not further examined in this
effort.

In the literature, two restricted types of synergetic orbital plane change trajec-
tories are often studied. These are the acrocruise and the aeroglide synergetic
maneuvers. Planc change is performed in an aerocruise trajectory by a constant
altitude banked turn with thrust throttled during the turn to equal drag. The
aeroglide synergetic mancuver differs from the aerocruise in that propulsion {: not
applied until the entire plane change has been completed., The synergetic manesuver
studied here neither employs the aerocruise restrictions of a constant altitude turn
and a throttleable rocket engine, nor the aeroglide assumption that ail plane change is
exclusively performed aerodynamically,

A complete background of general aeroassisted orbit transfer cen be found fin
two ex. t survey papers. Walberg [7] provides an extensive review of past work on
aeroass maneuvers, missions, vehicles, and related technolegy. The second survey
paper, t 2 {8], prescnts a comprchensive revicw of the optimization of minimum
fuel aere orbital transfer between coplanar and noncoplanur orbits.

5.0 ANALYS1S

5.1 Numerical Trajectory Simulation and Optimization Methods

The Optimal Trajectories by Implicit Simulation (OT1S) computer program [9,10] was
used to compute all trajectory results presented in this paper. OTIS is a three
degree~of-freedom trajectory simulation computer program that employs nonlinear
progranming optimization routines to provide the code with an advanced trajectory
optimization capability. OTIS can simulate and optimize the trajectories of a large
variety of flight vehicles ranging from subsonic alreraft to hypersonic vehicles and
spacecraft. OTIS contains options to incorporate a general spherical or oblate,
rotating or non-rotating, planet model. A number of gravitational and atmospheric
models are also available to the user,

This program differs from traditional (explicit) numerical trajectory optimization
techniques in that it treats the equations of motion as constraints and basically
iterates to find the optimal trajectory which satisfies these and other constraints,
including boundary conditions. An implicit optimization procedure based on Hermite
interpolation {5 used by OTIS to convert an optimal flight control problem to a
nonlinear programming problem. OTIS then employs a nonlinear programming package
called NPSOL to compute che optimal solution. NPSOL, developed by the Systems
Optimization Laboratory at Stanford University, utilizes sequential quadratic
programming methods. A thorough discussion of the formulation of the OTIS computer
program and of the implicit optimization techniques utilized are presented {in
References 9 and 10.

Many past studies of the performance of the synergetic, or aeroassisted orbital
plane change maneuver have assumed constant L/D, and in some cases, constant angle of
attack and/or bank angle. The realistic varfance of 1lift-ts-drag ratio with altitude
can be quite large as can be observed in Figure 4. 1In a recent study by Mease and
others [11}, it was tound that constant angle of attack does not generally produce
optimal results even for the restricted case of constant altitude, aerocruise,
synergetic plane change. A number of studies [12, 13, 14, 15) of aerocruise,
synergetic maneuver optimization have allowed angle of attack and bank angle to vary
along the trajectory. However, some of these studies are based on restricted
optimization of one or moxre prescribed functione for the control angles. Bursey and
others [12] found optimal aerocruise and aeroglide synergetic trajectories based on
angle of attack and bank angle polynomials of degree three or less for cach major phase
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of the trajectory. OTIS avoids these potential problems by utilizing quintic spline
interpolations of the control angles at a large number of nodes within cach phase of
the trajectory. Thig feature effectively removes control angle restrictions inherent
in many numerical optimiziation methods, allowing for complete freedos of the form of
the optimized control schedules.

Due to limited computer resources, numerical optimization of the entire synergetic
trajectory was not performed, To save computation time, an initial deorbit velocity
increment of 316.6 feet per second was assumed, providing the ASV with an entry flight
path angle of approximately ~.63 degrees and a relative velocity of approximately
24,683 feet per second at an altitude of 300K feet. From these initial conditions, the
trajectory was simulated and optimized. Propulsion applied within the atmosphere was
nodeled with finite thrust times and atmospheric pressure losses. The final AV,
applied to circularize the orbit of the acroassisted sortie vehicle at an apogee of 150
nautical miles, was modeled as an impulsive burn and was detcrmined by the optimization.
The synergetic orbital plane change maneuver was therefore globally optimized from the
initial condition prescribed at 300K feet to the final 150 nautical mile circular orbit
(polar) conditions.

The entire trajectory of the two-impulse-deorbit aeroassist maneuver was globally
optinized. Simulation commenced from the initial conditions of a 220 nautical nile
¢ircular orbit with a 28.5 degree inclination and ended at the final conditions of a
150 nautical mile circular polar orbit. The first three thrust phases were modeled
with finice thrust times and optimized by the OTIS computer program. Thrust applied
within the atmogsphere was corrected for atmospheric pressure losg. The f£inal velocity
increment, applied to circularize the ASV at an apogee altitude of 150 nautical niles,
was modeled as an impulsive thrust; its magnitude was determined by the optimization.
To the best of the author's knowledge, no previous numerical, glebal optimizacion of
the entire two-impulse~deorbit aeroassisted orbit transfer has previously been
completed.

Infitial and final conditfons for both types of aeroassisted trajectories were
specified {n terms of flight path angle, inerttial velocity, and sltitude. 1Initial
longitude was arbitrarily set to zerc. Initial latitude and headang angle, however,
were left free to be optimized for each trajectory. This ability to optimize the
placement of the sortie vehjcle within its orbit at the commencement of the mancuver
proved to be valuable. The initfal orbit for all of the trajectories studied was
chosen to be a 220 nautical mile circular orbit with an finclination angle of 28.5
degrees. The final orbit was chosen to be a 150 nautical mile circular polar (90
degrees inclination) orbit.

Most analyticcl and numerical studies of aeroassisted orbital transfer have assumed
a spherical, non-rotating Earth model. A 1986 study by Ikawa {16] of AOTV trajectories
investigated possible trajectory simulation errore due to the non-rotating planet
assumption., It was noted that numerical trajectory simulation using the non-rotating
Earth model caused velocity errors which gave dynamic pressure (and hence, 11ft and
drag) differcnces ranging up to 10X to 14%. Ikawa found that these dffferences may
cause underprediction of the final altitude and overprediction of the attainable orbital
inclination change in a non-rotatirg Earth analysis. Tkawa concluded that the rotating
Eurth effects must be included for realistic AOTV trajectory sinulations.

In this study of noncoplanar ovbit transfer optimization, a spherical, rotating
Earth model with an f{nverse square gravitational fileld and a 1976 U.S. Staundard
Atmosphere were exclusively used, This analysis also assumed that the aerocassisted
gortic vehicle maintained zero slideslip throughout all of its trajectory. Because of
the high specds involved in aceroassisted orbit transfer, hecating constraints were
incorporated in the trajectory optimization for realistic results, Hence, all
trajectories examined in this study were optimized with radiation equilibrium
temperature constraints.

5.2 Equations of Motion

The cquations of motion used by the OTIS computer program for the ASV trajectory
analyses are given below in flight path coordinates [6].

v
vjCosy| = (?A + ?F)/m + EG - VK (1)
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and where,

Vehicle mass flow rate

Vehicle mass

Earth relative velocity magnitude (speed)
Heading angle, clockwise from North
Flight path angle, positive up

Radius from center of Earth

Longitude, East from prime meridian
Latitude

Earth rotation rate
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Aerodynamic force
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Vectored propulsive force
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= Gravitational acceleration

5.3 The All-Propulsive Plane Change

To show the bencfits of high ./D for an acroassisted sortiec vehicle to perfornm the
baseline plane change to a 150 nautical mile polar orbit, the theoretical propulsive
energy of the ASV can be compared to that rcquired by an all-propulsive orbital
trangfer vehicle (OTV) to perform a two-impulse, exoatmospheric plane change. The
requirea propulsive cnergy expended during the plane change mancuver 1is expressed as a
theoretical impulsive velocity {ncrement, AV, computed by the following equations.

w
AV = Isp g 1n{__f_ (5)
s

where, "o = Initial weight of the vehicle
wf = Final weight of the vehicle
I1sp » Vacuum specific impulsec of the rocket (470 seconds)
g8, ™ Acceleration of gravity at a mean carth radius

The 4V for the all-propulsive orbital transfer 1s computed by the following equation.

= /v?
av = /i,

) X
+ Ve, = 2 Vo V., cos 81+ [Vzc - vtp] (6)
where, A4 = Orbital plane change angle
Vlc Inertial circular orbital velocity (25,145.5 feet/second)
at 220 nautical miles
Vta = Inertial apogee velocity (25,024, feet/secord) for a
Hohmann transfer orbit between the two circular orbits
Vzc = Inertial circular orbital velocity (25,389.2 feet/seccond)
at 150 nautical miles
vr « Inertial perigee velocity (25,511.4 fecet/second) for a
B Hohmann transfer orbit between the two circular orbits

The last two terms represent the additional AV required to circularize the orbit
at an altitude of 150 nautfical miles.

6.0 RESULTS

The aeroassisted sortic vehicle was sized to perform a syncrgzetic orbital plane
change from its rpace base {n a circular orbit at an altitude of 220 nautical miles
and 28.5 degrees inclination to a final 150 nautical mile circular polar orbit. Both
the synergetic and two-impulse-deorbit aeroassist maneuvers were optimized for this
trajectory. Because the synergetic maneuver rraifocteory pruved o be optimal (provided
more payload weight to the desired final orbit), it was adopted as the baseline ASV
trajectory. Dixect comparison between the equivalent synergetic and the two-
impulse~deorbit aeroassist trajectories was not accomplished: When optinization of
the two~impulse-deorbit maneuver was attempted for the baseline vehicle, the
optimization routines caused the vehicle to initiate a synergetic trajectory.
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Presented in a later section are results for a modified vehicle where the two-~impulse-
deorbit aseroassisted plane change 1s the optimal maneuver to attain the final clrcular
polar orbit.

The following trajectory results represent optimized trajcectories generated by the
Optimal Trajectories by Implicit Simulation {OTIS) computer program.

6.1 Baseline Trajectoxry

The details of the baseline trajectory, a synergetic orbital plane change
trajectory from an inclinatfon of 28.5 degrees to 90 degrees, are shown in Figure 7.
The vehicle entered the sensible atmosphere at an altitude of 300K feet, with a
velocity of 24,683 feet per sccond, and a flight path angle of -.63 degrees. For the
baseline trajectory, the radiation equilibrium stagnation temperature at the vehicle
nose was constrained to 4500 degrees Fahrenheit (F). The sortie vehicle flew an
unpowered descent for 1421 geconds (Figure 7a). The rocket enginec was then fignited und
the vehicle climbed out of the atmosphere. The minimum alti{tude at 159,344 feet was
reached at 1440 seconds, shortly after ignition of the rocket cngine, shown as a sharp
increase in axfal acceleration in Figure 7b.

Optimal control of the synergetic plane change was effected by the modulation of
engle of attack and bank angle (Figure 7¢), During the initial descent, the angle of
ttack stayed near the value for maximum L/D (10 to 12 degrees), and the bank angle
Increased to -174 degrees to enable a quicker descent irn.o the atmosphore for greater

plane change. Angle of attack then incrcased to values between 18 degrees and 20
degrees and bank angle decreased to values between -80 degrees and -60 degrees,
vesulting in an inecrease in the rate of inclination angle change (Figure 7d).
Throughout the trajectory, angle of attack and bank anmgle were optimally modulated to
enable the vehicle to fly at a maxinmum nose stagnation temperature of 4500 degrees F
(Figure 7e). For optimum inclination change subject to a heating counstraint, the
vehicle flew at angles of attack higher than that corresponding to maximum L/D,
indicating a requirement for higher lift rather than maximum aerodynanmic efficiency.

It can be se2n from Figure 7d that more than half of the required inclination
change was achieved before rocket ignition. The initial heading angle of 90 degrees,
optimally determined by OTIS, indi~ated that the sortie vehicle begen atmospheric entry
at an apex (maximum latitude = -28.5 degrees) in the orbit, Total heading change was
90 degreecs for this baseline trajectory.

As shown in Figure 7e¢, the wing leading edge stagnation temperature reached a
maximum 3210 degrees F and the centerline static temperature reached a maximum 2909
degrees F, The centerline static temperature wvas computed at a point on the bottom
surface of the acroassisted sortie vehicle 5 fcet aft of the nose.

The lift~to-drag ratio reached a maximum 3.04 during the unpowered descent phase
and reached a maximum 3.09 during the powered ascent phase of the trajectory (Figure
7f). Prior to rocket engine ignition, the vehicle flew at an L/D ncar 2.5. For
nearly the entire trajectory, the vehicle flew at angles of attack higher than that
corresponding to the maximum L/D ~ on the "back side” of the L/D curve.

6.2 Effects of Varying Maximum Temperatuxe Constraints

A series of optimized synergetic trajectories were run to determine the effect of
varying the maximum nosc stagnation temperature constraint on vehicle payload wefght to
polar orbit (Figure 8). For the baseline trajectory (maximum Tnose = 4500 degrees F),
the sortie vehicle carried 2417 pounds of payload to polar orbit. For a maximun
temperature of 4250 degrees F, the payload was only 440 pounds. For maximum nose
tenperatures of 5000 and 5400 degrees P, the payload weights delivered to a 150
nautical mile circular polar orbit were 4713 and 5392 pounds, respectively. Increasing
the maxinum temperature constraint allowed the vehicle to descend decper into the
atnosphere, utflizing the higher L/D, and thus resulting greater payload capability.

The sensitivity of payload weight to maxinmum temperature (with respect to the
basecline trajectory values) 1is more acute at the lower maximum temperature constrailnts
investigated., A 5.6% decrease in maximum allowable temperature for the baseline
vehicle results in g 82% decrease in payload welight. 4n 11.1% increase in maximum
allowable nose temperature for the baseline aeroassisted sortie vehicle increases the
payload weight delivered to the final orbit by 95%.

6.3 Two-Impulse Aeroassist with D- op Tanks

Subjected to a maximum temperature constraint of 4500 degreces F, the bsseline
synergetic trajectory resulted in 2417 pounds of payload delivered to a 150 nautical
wile circular polar orbit. To evaluate an increased payleoad capability, two external
drep tonks were Added to iLhe ccroassisted sortie vehicle. This tankage was ar.itrarily
chosen to have a weight of 30,000 pounds, approximately half of the gross welght of the
aerocassisted sortie vehicle. With an assumed mass fraction of .95, the drop tanks
provided tlie sorrie vehicle with an addicional 28,500 pounds of prepellants and an
additfonal AV capability of 5513 feet per second. This simulation required the drop
tanké to be emptied and discarded prior to atmospheric entry. For the case of the
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two~-impulse~deorbit aeroassist trajectory, the tanks were discarded after the secund
propulsive maneuver (See Figure 5).

The two-lmpulse-deorbit trajectory was programmed to allow global optimization of
the complete trajectory., Initial optimizacion efrforts quickly indicated that the
aaroassist(2) orbital plane change manceuver was aignificantly wmorec optimal than the
synergetic maneuver for this configuration. Subjected to a maximum nose temperature of
4500 degreez F, the ASV with drop tanks delivered 7124 pounds of payload to polar orbit
during the two-impulse=-deorbit aerocassiast trajectory. The equivalent synergetic
naneuver, preceded by an all-propulsive plane change which empticd the drop tanks,
delivered only 6167 pounds to polar orbit., Details of the actmospheric portion of the
nominal two-impulse~deorbit aeroagsist trajectory arc presented in Figure 9.

For the nominal acroassist(2) trajectory, the radiation equilibrium stagnation
temperature at the vehicle nose was constrained at 4500 degrees F. The vehicle entered
the sensiblc atmosphere at an altitude of approximately 300K feet with a velocity of
approximately 27,200 feet per second and flight path angle of approximately =-2.3
degrees., The nininum altitude of 174,581 feet, and minimum velocity of 19,935 feet per
gecond were reached 8970 seconds into the trajectory (Figure 9a). At that time, the
rocket engine ignited and the vehicle climbz2d out of the atmosphere, as indicated by
the sharp rise in axial vehicle acceleration in Figure 9b.

Optimal control of the atmospheric portion of the trajectory, constrainted by a
maximum nese temperature of 4500 degrees F, was effected by the modulation of angle of
attack and bank angle (Figure 9¢). Comparison of angle of attack values between this
trajectory and those of the baseline synergetic maneuver (Figure 7c¢} shows that nuch
higher angles of attack are rejuired during the unpowercd portion of the aeroassist(2)
trajectory to pull the vehicle out of the very fast and steep atmospheric entry. In
both cases, the vehicle flew at angles of attack much higher than that corresponding
to maximun L/D (10 to 12 degrees), indicating a requirement for higher 1ife,

As indicated in Figure 9d, approximately 50.4 degrees of inclinution change was
ancomplished during the atmospheric portion of the trajectory. A considerable portion
(over 14 degrees) of this inclination change was obtained above 200K feet during the
descent due to the very high atmospheric entry velocity, characteristic of the two-
impulse decorbit aercassist maneuver.

The wing leading edge stagnation temperature reached a maximum 3692 degrees F and
the centerline static temperature reached a maximum 3328 degrees F (Figure 9e). The
conterline static temperature was computed at a point on the bottom surface of the
acroassisted sortie vehicle 5 feet aft of the nose.

The lift~to-drag ratio flown by the vehicle rcached a maximum value of 2.88 for a
few seconds duxing the powered ascent phase of the trajectory (Figure 9f). This value
is approximately 85% of the maximum L/D potential for the vehicle. A time-averaged
value of the L/D flown by the aeroassisted sortie vechicle below 200K feet altitude was
approximately 2.4,

6.4 Effects of Varying Maximum Temperature Constraints on the Aeroassist(2)
Orbital Plane Change

A serics of optimized two~impulse~deorbit aercassist trajecctories were computed to
determine the effect of varying the maxinmum nose stagnation temperature constraint on
vehicle payload weight to polar orbit (Figure 10). For the baseline trajectory, the
sortie vehicle carried 7124 pounds of payload to polar orbit, For a maximum tempera-
ture of 4100 degrees F, the payload was only 2207 pounds. The payload weights
delivered to a 150 nautical mile circular polar orbit were 12,377 and 15,752 pounds for
maximum nose temperatures of 5000 and 5500 degrees F, respectively. Increasing the
maximum temperature constraint resulted in higher entry velocities, higher utilized
L/D, and greater payload capability,

In comparison with the bascline synergetic trajectory, the 30,000 pound drop tanks
increased the payload to polar orbit by 4704 pounds, approximately 190%. For the 5000
and 5500 degrees F nose temperature constrained trajectories, the aeroassist(2) mancuver
with added drop tanks incrcased the payload capability by approximately 1622 and 192%,
respectively. The sensirivity of increased weight to increased maxinum temperature was
relatively high for the entire range of maximum temperature constrained aeroassist(2)
trajectories investigated.

6.5 Max L/D Vehicle Trade Study

To evaluate the ability of different vehicle configuration classes to perform the
baseline trajectory, optimal synergetic orbital transfer trajectories to a maximum
final inclination angle were computed for the baseline high L/P vehicle (maximnm
1/D = 2.%), 2 medium {xelative) L/D venicle (maximum L/D = 3,0), and a low (relative)
L/D vehicle (maximum L/D = 2,2). For each vehicle, optimized trajectories were
computed with the maximum nose temperature constraint ranging from 3500 degrees P te
- 5000 degreer F. The payload was fixed at 1000 pounds for each trajectory. §

- To develop an approximate aerodynamic model for the medium L/P vehicle, the axial
- force cocfflcient of the baseline vehicle at zero angle of attack, Mach 20, and an

R T T R - R
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altitude of 200K feet was increased by 30%, This increment was then added to the axial
force coefficient at cach angle of attack for cach Mach number and altitude conditicn,
To develop an approximate sevodynamic model for the low L/D vehicle, the axial force
coetficlent of the baseline vehicle at zero angle of attack for the same conditions as
above was increased by 100%. This increment was then added teo tlte axial force
coefficient at each flight condition. Also, the normal force coefficient at each
condition for the low L/D vehicle was scaled by & factor of 0.9. The resultant values
of L/D for all three vehicles at Mach 20 end an altitude of 200K feet ave presented in
Figure 11.

The synergetic plane change trajectory for the high L/D vehicle was essentially
identical to the baseline trajectory presented in Figure 7. For brevity, this
trajectory is not shown. The final orbital inclination attained by the high L/D
vehicle was 94,9 degrees for the 1000 pound payload. The baseline trajectory resulted
in 2417 pounds of payload delivered to polar orbic, As a result, incressing the final
inclination angle by 4.9 degrees reduced the payload weight by 141° pounds.

The baseline synergetic plane change performance of the medium L/P vehicle is
presented in Figure 12, Unlike the high L/D vehicle, the mediun L/D vehicle flarad
near 230K feet and bounced out of the atmosphere to 345K feet., It then reentered the
atmosphe=e and flew an altitude profile similar to the high L/D vehicle (Figure 12a).
Rocket vugine ignition occurred at 3100 seconds to boost the vehicle up to the polar
orbit condition (Figure 12b). As the vehicle bounced out of the atmosphere after the
initial flare, the angle of attack dropped to zero degrees twice before increasing to
20 degrees during the descent to the minimum altitude (Figure 12c¢). As the angle of
attack dropped to zero, the L/D dropped to -0.25 (Figure 12d). For this trajectory,
the mediun L/P vehicle reacted a final {nclination of 91.9 degrees.

For the low L/D vehicle, the baseline synergetic plane change performance to polar
orbit (Figure 13) showed trends similar to those of the medium L/D vehicle. Both
vehicles skipped out of the atmosphere before reentering and performing the plane
change, possibly fndicating that the assumed initfal deorbit AV was not optimal, These
two dips into the atmosphere were approximately centered about two different nodes in
the orbit, with the first dip providing only a couple of degrees of inclination change.
The low L/D vehicle reached a final inclination of only 83.9 degrees.

The final inclination angle attained by each vehicle as a function of the maximum
nose temperature counstraint i{g presented in Figure 14. Between the 4000 degree F and
3500 degree F constraints, the high L/D vehicle and the medium IL/D vehicle reached
approximatcly the same final inclination, implying that the high L/D vahicle could not
take full advantage of its serodynanic performance capability. As the temperaturc
constraint was increased above 4000 degrees F, the high L/D vehicle was gble to attain
incrcasingly larger values of the final {nclination angle, compared to the medium and
low L/D vehicles, respectively. The payoff of higher attsinable final inclination
angle for greater maximum temperatures decreased for all three vehicle classes as
maximum temperature constraints increased.

To carry a 1000 pound payload from fts base at an inclination of 28.5 degrees to
polar orbit, a sortie vehicle with a nosecap material capable of sustaining radfation
equilibrium stagnation temperatureg up to 4500 degrees F need only to have a maximum
L/D of 3.0. This fmplies that nose and leading edge radii on the vehicle can be larger
than those for a vehicle with a maximum L/D of 3.4, which will also result in reduced
tempergtures. To carry larger payloads to polar orbit, a vehicle with a larger naximum
L/D f§s required.

6.6 Comparison with an All-Propulsive Plane Change

The theoretical impulsive AV capability and the AV required for all-propulsive
orbi¢ transfer are computed by equations 5 and 6, respectively. Without payload, the
aeroassisted sorcie vehicle alone has a AV capability of 12,817 feet per second.
Pepending on the maximum temperature constraint imposed on the sortiec vechicle, this AV
capability gllows the ASV to place significant payload weight into polar orbit. For
the synergetic baseline trajectory subjected to a maximum nose gtagnation temperature
of 4500 degrees F, the aeroassisted sortie vehicle can transport 2417 pounds of payload
from a circular 220 nautical mile 28.5 degree inclined orbit to a 150 nautical mile
circular polar orbit. This trajectory required a theoretical velocity impulse of
11,525 fect per zecond (equation 5). Placement of the same payleoad by u two-impulse,
all-propulsive orbital planc change would require a theoretical velocity impulse of
25,774 feet per gecond (equation 6). Furthermore, an OTV having the same AV capability
as the sortie vehicle could place a 1000 pound payload to a final inclinution of only
58.4 degrecs, instead of the 94.9 and 91.9 degrees achieved by the baseline high and
medium L/D sortie vehicles constrained by a maximum nose temperature of 4500 degrees F.

Adding propellant drop tanks to the gseroassisted sortiec vehicle increases its 4V
capability to 18,330 fect per second. This allows the placement of 7124 pounds of
payload to polar orbit by the two-impulse-deorbit aerocassist maneuver constrained by a
maximum temperature of 4500 degrees F. An OTV with this velocity increment capability
can only reach a final inclinatifon angle of 71.6 degrees with a tvo~impulse
all-propulsive maneuver,
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CONCLUSTONS

Noncoplanar crbital plane change trajectories for an aeroassisted sortic vehicle
from 220 nautical mile circular orbit at 28.5 degrees inclination to a 150 nautical
uile circular polar orbit were optimized, subject to nose stagnatlon temperature
constraints. Both synergetic and two-impulse-decorbit aeroassisted trajectories were
successfully optimized.

The synergetic maneuver, where all of the plane change occured within the atumos-
phere, was found to be more optimal than the two~impulse-deorbit aeroassist mancuver
for the baseline vehicle and trajectory. The optimized synergetic plane change
trajectory resulted in the delivery of 2417 pounds of payload to polar orbit. The
11,525 feet per second of propulsive AV expended during this trajectory was less than
half the propulsive 4V (25,774 fecet per second) required by a two-impulse, all-
propulsive orbital trangfcr maneuver.

For the baseline trajectory, the two-impulse-~deorbit acroassist trajectory was the
optimal pliane change maneuver for the ASV with drop tanks. The entire two-impulse-
deorbit aeroassisted orbital plane change trajectory was globally optimized., 3By adding
30,000 pound propellant drop tanks, approximately half of the gross weight of the ASV,
the payload weight (7124 pounds) to polar orbit was almost tripled,

The effect of varying the maximum nose stagnation temperature constraint on vehicle
payload weight delivery to polar orbit was investigated. Results showed a decrease in
sensitivity at the higher maximum temperature comstraints for both classes of
aeroassist trajectories, with the decrease in payoff for the synergetic maneuver being
more pronounced.

To evaluate the ability of different vehicle configuration classes to perform the
baselince trajectory, optimal syncrgetic orbital transfer trajectories to a maximum
final inclination angle with a fixed payload of 1000 pounds were computed for three
different maximum L/D vehicles. To fully utilize an L/D capability greater than 3, the
ASY uust be able to sustain maximum nose stagnation temperatures greater than 4400
degrees F. For a vehicle with a maximum L/D of 2.2 to carxry 1000 pounds payload to the
baseline polar orbit, ths maximum nose stagnation temperature must exceed 4900 degreces
F.

Some general conclugions can be made concerning both the synergetic and two~
impulse~dcorbit aercassist maneuvers. For either optimum inclination change for a
fixed payload mass, or optimum payload weight for a fixed final inclination angle
subject to a wide range of heating constraints, the sortie vehicle generally flew at
angles of attack much higher than that corresponding to maximum L/D. This obsexvation
indicated a requirement for higher lift rather than maximum aerodynamic efficiency.

Increasing the maximum temperature constraint allowed the acroassisted sortie
vehicle to descend deeper into the atmosphere, utilfzing increased atmospheric density
to perform the plane change more quickly and efficiently. Increasing the maxinum
temperature constraint also allowed the sortie vehicle to fly at higher 1ift-to-drag
ratios. There 158 a large performance payoff{ for increasing the maximum temperature
congtraint. However, the sensitivity of this payoff decreased with increcasing maximum
tenperature, indicating the existence of a limit where increcasing the thermal
protection system of a flight vehicle would not be worth the added weight and/or the
cost of increcased technology for passive thermal protection systems.

It 1s anticipated that new passive thermal protection materials capable of
sustaining temperatures up to 4500 degrees F (not a defined boundary) will be available
by the late 1990's. To handle temperatures above 4500 degrees F, active cooling will
be required, which will likely be less expensive than high-technology materials for
passive cooling.

A planned insertion of a payload to polar orbit would be most efficiently
acconplished by a ground launch directly into the desired low ecarth orbit. However,
for fast response time requirements, to quickly service an ailing satellite, or for a
variety of other applications, an aeroassisted sortie vehicle based in low earth orbit
that has the potential to reach a large range of orbits (inclination ranging from at
least 28.5 degrees to 90 degrees) could be a great asset. After accouni ng for the
difference in additional structural and thermal protection system weight required by
the sortie vehicle to fly in a high temperature environment, compared to the structural
welght of the all-propulsive orbital transfer vehicle, the sortie vchicle will 1likely
have significantly more payload capability to perform the baseline trajectory to polar
orbit.

R ——
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HERMES RENDEZ-VOUS WITH THE SPACE STATION

by
Michel CALDICHOURY, Calixte CHAMPETIER, Eric DESPLATS
Dynamics and Control Department
MATRA ESPACE
31 rue des Cosmonautes
31077 Toulouse
FRANCE

SUMMARY

This paper intends to present an overview of the requirements and concepts for the HERMES rendezvous system. A
review of the mission requirements and constramnts, mainly dictated by safety rules and man involvement, is first performed to
highlight the impact of the vehicle configurations and environment on the definition of the GNC subsystem. The whole RV
scenario from the end of the transfer phase up to the docking is described. A particular attention is devoted to the elaboration
of guidance and control strategies for the homing and the final approach phases. The navigation system selected and designed
for HERMES is prescnted, with some cmphasis on the GPS navigation dedicated to the homing and closing phases and the
optical navigation during the final approach. The redundant philosophy for the RV system and the crew involvement in the
GNC and management process are also discussed.

LIST of ACRONYMS

CFF Cotumbus Free Flyer

CG Center of Gravity

cw Clohessy-Wiltshire

DRS Data Relay Satellite

FDIR Failure Detection, Isolation and Recovery
FO/ES Fail Opcrationat / Fail Safe

GNC Guidance, Navigation and Control
GPS Global Positioning System
GPSS GPS Satellite

HUD Head Up Display

MU Incrtial Measurement Unit

LOS Lign Of Sight

MMI Man Machine interface

RV RendezVous

RVD RendezVous and Docking

RVS RendezVous Sensor

STS STar Sensor

TDF Target Docking Frame

TOF Torget Orbital Frame

1 - INTRODUCTION

Since scveral years in Europe, a great emphasis has been placed on the study and the development of new
technologics which should enable to engage Europe on the path to manned space flight. The three comerstones of the related
preparatory program are ARIANE V for launching, COLOMBUS Free Flyer Laboratory (CFF) for orbital infrastructure and
HERMES which performs the transportation of men and enables them to intervenc on the CFF infrastructure. Among the
various challenging stages arising in the HERMES.CFF mission, the Rendezvous and Docking operations are cssential
technologies whick must be mastered. These operations require a complex Guidance, Navigation and Control (GNC) system to
ensure, with safety aspects as majors drivers, the control, momtoring and supervision tasks.

This paper intends to present an overview of the requirements and concepts for the HERMES rendezvous system. A
review of the mission requirements and constraints, mainly dictated by safety rules and man involvement, is first performed to
highlight the impact of the vehicle configurations and environment on the definition of the GNC subsystem. The whole RV
scenario from the end of the transfer phase up to the docking is described. A particular attention is devoted to the elaboration
of guidance and control strategics for the homing and the final approach phases. The navigation system selected and designed
for HERMES is presented, with some emphasis on the GPS navigation dedicated to the homing and closing phases and the
optical navigation during the final approach. The crew involvement in the GNC and management process are also discussed. A
large amount of the concepts described in this paper is not especially dedicated to the HERMES-CFF mission but may be
applied to a generic rendezvous scenario. So, the reader should not be surprised if semetimes the generic terms "chaser” and
“target” are used instead of "HERMES" and "CFF".

2 - MISSION DEFINITION AND REQUIREMERNTS
2.1 - In-orbit Rendezvous and Docking (RVD) description

The in-orbit part of the RV mission bstween HERMES and the CFF space station can be divided into three main
phases : transfer, homing/closing and final approach, with their symmetric counterparts : retreat, moving away, de-orbiting.
The reference scenario can be described as follows. After the injection of HERMES by Ariane V in the orbital plane of the
Space Station, a Hohmann boost is achieved to transfer the space planc on an orbit the apogee of which lics about 10 km
below the circular target orbit, at the altitude of 450 km. When the apogee has drifted sufficiently close to the target, an other
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Hohmann boost circularizes the chaser orbit. A coast phase then follows for navigaton needs, The next phase consists in
manocuvring HERMES from its transfer orbit to a hold point located on the target orbit about 100 m behind. This phase can
be divided in two subphases : the homing from the transfer orbit up to a stable point on the target orbit, 1 km behind, and the
closing from this point to an other point at 100 m from the target. Then, a slewing manoeuvre puts HERMES back to the
target and the acquisition of the optical navigation means is performed. If the target is sun-pointed, or if the docking axis is
not pointed along the target orbit, a fly-around is required. The CFF sation, which is nominally sun-pointed, acquires an earth-
pointed attitude during the RVD operation, so that the fly-around is avoided. The last RV phasc is the final approach from 100
m to the docking. A hold pomt is planned at 20 m from the target in order to acquire the relative attitude of both vehicles.
Figure 1 shows the reference RV profile drawn in the target orbital frame. The different subphases of the RV mission are
summarized in Table 1.

Distance from
the target Subphase Operations
80 km St last transfer boost
S1-82 coast phase - acquisition of the
target GPS measurements
§2-S3 vertical homing phase
1km 83 hold point
S$3-54 closing phase ("hopping”)
100m S4 hold point - slewing manoeuvre
RV sensor acquisition
S4-.85 final transiation {earth-pointed target)
20m S4b hold point - relative attitude
acquisition
oOm S5 docking operations

Table 1 . Reference operation sequencement
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Figure 1 : Reference RV scenario

2.2 - Mission requirements and constraints

The RVD process is cntical to both crew safety and mission success Collision avordance and safe separation are
supreme requiremnents for crew safety, and the success of RV, docking and scparation is a prerequisite for the achievement of
the objectives of a servicing mission. The safety and mission assurance rests on a Fail Operational / Fail Safe (FO/FS)
concept. In case of a single failure, the nominal operations continue by switching to redundant system funcuons. If the
nominal operation cannot be continued, the mission must be achieved by repetition of nominal or contingency operations, If
a double failure on the same function, or a combination of critical single failures on different functions occurs, the RVD
mission 1s aborted. Separation and retum to ground maust be achieved safely.

Besides these safety constraints, some other specifications concerning the supervision by the crew and the operation
timing have to be taken into account, Each subscquent phase in the approach scheme shall be released / initiated by the crew
afiter verification of the achievement of the previous phase. The approach strategy must include time flexible clements to
allow for success / system health verification and decision making. During the homing/closing phasc and the final approach,
the crew must have a direct or camera-assisted vision of the target, The last 50 meters and all the manocuvres have to be
performed during the orbital day. Time must also be forcseen at the end of the orbutal day to undertake safing rewcat in case of

contingency. Furthermore, within these security constraints, the performances in terms of ergol censumption and manocuvre
precision must be optimized.

2.3 - Impact on the GNC subsystem reauirements

The approach scheme has to be designed so that if a subsequent manocuvre cannot be executed, the chaser will proceed
on a collision-free trajectory. All possible natural trajectories resulting from forced trajectorics or thrusting failing to operate
must also be collision free. To be unable to perform some manocuvre or to achicve some trajectory n the first atiempr must
not result in the loss of the mission. In particular, the guidance and control laws must be robust cnough to permit the
achicvement of the mission despite failures such as temporary loss of the rominal navigation, thrusting failing on or
thrusting failing to operate. Recovery by contingency operations must be possible. A direct consequence of these constraints
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is that the homing/closing phase and the final approach must be closed-loop controlled phases. Homing/closing and final

approach trajectories compatible with the safety rules as stated above and optimal in terms of consumption have to be
designed.

It is clear that the specifications in terms of position and velecity dispersions become more and more suingent as far
as the chaser approaches the target. Nevertheless, it is worth noting that as regards the opcration management,
homing/closing is a critical phase of the RV. Conirarily to the final approach, a delay in the progress of the operations
which is not compatible with the robustness of the guidance and control strategies will cause scvere consequences on the RV
timing in terms of duration of the mission as well as consumption.

3 - GUIDANCE AND CONTROL CONCEPTS AND DESIGN

3.1 - Basic guldance trajectories

The mission requirements induced by the safety consiraints as stated in the previous section must be taken into
account for the design of guidance trajectories. The main constraints are the following

- the duration of the approach from 1km up to the docking is less than 2 orbital periods

- the last 50 meters are covered during the daylight

- up to the last 2.5 meters of the RV, the trajectories are collision-free in the case of thrusters failing to operate

- two hold points, at 100 m and 20 m behind the Space Station are mandatory

- the ergol consumption 1s to be minimized as far as possible
The guidance trajectories are calculated in the target orbital frame (TOF) as deseribed on Figure 2. The equations descnbing the
relative movement of the chaser in the TOF can be directly derived from the Kepler laws :

e oy rie)ie
ad a4 o

where the following notations are used

earth center (o target vector

carth center to chaser vector

relative position vector

acceleration induced on the chaser by non gravitational fore. s

I Frcigene

acceleration induced on the chaser by non gravitauonal forces

When the target is on a circular orbit (peniod T = 21/0), a first order expansion of the differential Keplerian acceleration leads
to the following lincarized equations, named as Clohessy-Wiltshire (CW) equations, expressed in the TOF

X-202 = o+
J+oly = Y+
i+20i-30%z = P

where (x,y,z) are the coordinates of the chaser center of gravity (CG) in the TOF, (Ya ¥y ¥2) the thrust accelerations of the

chaser, and (% %™, ™) include all the other acceleration sources such as the differential air drag, the CW sccond-order
neglected terms, the differential J2 term, ... The out-of-planc motion can be constdered in a first approximation, as decoupled

from the movement in the orbit plane and can be viewed as an harmonic oscillator movement which is quite easy to control. In
the following, only the relative movement in the target orbit plane will be considered.

X
Y

TARGET

Learth )

X-axis : in the direction of the target velocity
Y-axis : perpendicular W the target orbit plane
Z-axis : in the target orbit plane, towards the carth

Figure 2 : Target Orbital Frame
Guid jectories for the homing g}

In the reference scenario, the first homing subphass consists in transfering HERMES from its drift orbit 10 km below the
target otbit onto the target orbit, 1km behind the target. In order to minimize the consumption, the thrusts must be delivered
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along the X-axis. The problem then becomes that of finding an acceleration profile which transfers the chaser from the initial
conditions
X010 be defined, 2o = 10 km, io=g-a)zo. =0
1 the final desired corditions : )
x¢==1km, ze=x¢=2(=0

The resulting trajectories will be called admissible. Theoritical admissible trajectories can be obtained by applying two
Hohmann transfer boosts each of magniwde &

AV.::—(D Az, (Az=24-29
along the X-axis, separated by half an orbital period (sec Figure 3). The first boost must be applied when :
Ax =x¢=xo=3n/4 Az
An other homing transfer (see Figure 3) can be performed with a constant level X-thrust of magnitude
= lotaz
4
during one orbital period This results in a forced path which starts when

Ax=3E Az
2

The durauon of the transfer itsclf is twice that of the Hohmann transfer, but the difference is only one quater of period if time 1s
compared from the same starting point. Both the resulting trajectories are safe w.r.t. the thrusting failing to operate (see
Figure 4). It is worth noting that the above trajectories are both obtained with non realistic guidance acceleration profiles In
order to save ergol consumption for controlling the trajectory, the guidance laws must take into account the fact that the thrust
is delivered without amphitude moduiation.

LetYs be the achievable acceleration which can be applied to the chaser along the X-axis. The total impulse the target must
recetve :

AV, = %- WAz
corresponds to an overall thrust duration of
fa
Tihe = S=2 ,
thr ™

In the casc of HERMES (see Table 2), Az = 10km yields Ty = 300 s (compare with the orbital period T = 5500s),
The proposed approach consists in splitting the total impulse required for the whole transfer into N distinct boosts of duration
1= ;L— Tthr (sce Figure 5).

It can be shown that periodic boosts spaced by AT =25 /N o yieids admissible trajectories The transfer durauon becomes
2r
LB (AT - 1).
( )

N = 2 corresponds to 2 realisic Hohmann transfer while N large corresponds to a conunous-like steered wransfer

The problem now is to find admissible trajectories satisfying the following nitial and final conditions

Xo = -1000m X¢ =-100m
2 = Om z= O0m

Xo= Om/s %= Om/s
2 = Omfs U= Om/s

The constramts on the trajectonies arc both unung constraints . lransier duration icss than onc orbital perivd, and safury
constraints . coliision-free trajectory after a thrusung failure. Furthermore, the crew must have the target in their ficld of view
during all the transfer. So, the LOS must not be greater than 20°, Different concepts which may be applied for this transfer are
summarized and compared 1n Table 3. A good compromise between the various requirements is fulfilled by the hopping
trajectores for which the transfer boosts arc performed along the Z-axis. The resuling free trajectonies are ellipses centered on
the target orbit. N-boosts realistic trajectonics can be calculated as for the homing vertical tansfer As shown on Figure 6, the
LOS requirement 1s not satisfied when a single hop is performed with N=2. In this case, two hops, which globally last one
orbital period, have to be performed.




Figure 3 : Theoritical admissible trajectories

TARGET <\ TARGET -~
-} i vy
X | THRUSTING X -
pame () N\ ( poee
TOOPERATE THRUSTIG 4
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Figure 4 : Safe wrajectorics

for the homing

AXIS THRUST LEVEL EFFICIENCY | SPECIFIC IMPULSE
HOMING JCLOSING
+X 400N 40N 1 300s
- X 40N 40N 1 300s
Y 20N 20N 0.7 300s
+2 20N 20N 07 300s
mass = 231

Table 2 : HERMES Propulsion System

acceleration

0' 1 AT

1) aT ,'1,7 time

Xy - x;:Y" (=3k 0tg+ 4 upsinoy)

= (k- ugcos ay)

max
29: 1
®
. max
Xk=¥, T{3Kk-4ugcos o)

. max .
k== 27, T Uupsin oy

g =SnEn/N ko ELQT
’ .~ "y o]
k sin (/7 iN} N

&

Figure 5 : Realistic admissible trajectory (acceleration profile and equations)
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DURATION| 4Vx AVz | SAFETY

A‘V.x_ AVx
X D | romar |o1tms | o -
086 kg
| ¥4
avz avz | 2 oRerT
- (2 boosts)
XU 1 ORBIT o |95msl 4
(continuous 5.58kg
Z thrust)
A AVX | yapiaBle [o32avs | 2ms
Function of
ST Y i 25k | 20% |
T (duration
Z 1 otbit)

NOTA: 8V AND CONSUMPTIONS FOR 4X = S00 M

Table 3 : Admissible guidance trajectorics for the closing phase (1km - 100m)

2 B00STS TRANSFER
] 100M 1KM 1 300M 320M  1KM
X * e
ZY | HOP : LOSpg=35° ZV 2HOPS : LOS e =18°

N BOOSTS TRANSFER (N LARGE)
Ly 100M 1KM

1 HOP : LOS g =22°

Figure 6 : LOS requirement analysis

Guidance trajectorics for the final approach

Due to timing constraints, the final approach is based on forced paths along the X-axis from 100m to the docking The
analysis must be focussed on the safety requirement which becomes crucial duning this phase. A safety domain around the
target which the free-trajectories must not enter 1s first defined. A corner domamn as shown on Figure 7 has been considered.
Then the safety critcrion can explicitly be expressed as constraints on the instantancous axial veloeity X :

x <X for x<z,

isXed for x2 2z,
2xz,
with k=-é)-(?/7—-3Arccosi-)=426s

whivii wonrespunds 10 die phase pianc domain indicated on Figure 8. For the HERMES-CFF mission, we can ke 4 = 20m,
With L = 500s for providing a safety margin, the phase plane trajectory of Figure 9 can be performed. With this profile, the

total duration of the last 100 meters is equal w0 38 minutes without a stop at 20m, which 1s quite compatble with the timing
constraints.

bl a1 b K
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Figure 7 : Safety box around the target
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Figure 8 : Safety domain in the planc phase
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Figure 9 : Designed velocity profile for the last 100 m

3.2 - Guldance and control concepts for the homing/closing phase
For the homing/closing phase, Iwo basic guidance schemes have been selected. In the first one, the chaser 1s kept on a
reference trajectory by controlling both its position and us velocity. In the sccond one, control boosts are just performed so

as to ensure the final kinemauc conditions as desired (position at the desired location on the target orbit, velocity equal to
zero) without requiring a control of the instantancous position Both schemes are now described and compared.

3.2.1 - Guidance on a reference trajectory

The guidance on a reference trajectory is based on the scheme shown on Figure 10. The guidance trajectories have been

calculated from the CW equations. Their equations can be formulated as :
o 0 1 0
0 00
. 0 0 1
X = AowXe+BT+  with Acw = B=|00
6 0 0 20 1o
01

0 30 20 0

where X+ js the desired kinematic state (position and velocity) of the chaser in the TOF an. v the guidance boosts. For the
control design, the relative position and velocity of the chaser are assumed to be perfectly measured, Let 8X =X ~X. be the
difference between the desired state and the actual state. Its dynamic is described by :

8X = Acw8X + BT, + perturbations

where T is the control acceleration. The time DT between two successive control boosts is assumed to be constant, In the case
of N-boosts guidancz trajectories with N large, the control boosts will be performed in addition to the guidance boosts. The

S s a2 =

b

- b
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control boosts can be considered as discrete impulsions. So, the continous equations describing the error evolution along the
reference trajectory may be replaced by the following discrete ones &

8Xaut = Ay 53X, + Baly
with
8Xo = 8X(mDT), Fo=Tu(nCT), Ag=cAcw DT, By=cAcw DT B

Anoptimal state feedback T, = K, 8%, can be calculated by minimizing a quadratic criterion of the form

N T T
J=3, (8X,Q8X,+T,RT,)

ne}
The consumption is minimized by means of the weighting matrix R, while the performances are obtained via the weighting
matrix Q. For N large, the steady-state fecdback K obtained as N tends to infinity is quute sufficient for efficiently controlling
the trajectory. This feedback can be expressed as :

K = (R+BIPBy)BIP

where P is the positive solution «f the discrete Riccali equation

P - AjPA,+ APB,(R+BiPB,)A,- Q=0

REERENCE
¥ TRAJCTORY

reference trajectory

', r[RELATIVE] «
t ~| GUIDANCE ORBITAL |—{NAVIGATION
+  loynamics

CONTROL

Figure 10 : Guidance on a reference trajectory

3.2.2 - Guidance to terminal point

In this guidance scheme, the reference trajectory is re-adjusted at cach guidance step. An admissible trajectory going
through the estimated position of the chaser and leading to the desired final kinematic conditions is calculated so that no
position control is required. A velocity correction is just performed. The algonithm is efficient because through a given point
goes one and only onc admissible trajectory (see [5) for details). As the problem becomes singular near the end point, the
guidance trajectory must be frozen a few steps before the amrival, and a position control is then required.

As regards the homing subphase, it is possible to release somewhat the specification on the end pont abscissa. From
a given admissible arrival interval on the target orbit {(xP2, xP), one can enlarge the set of admissible trajectones to those
which finish inside this interval. Now, through a given point (the estimated posiiion of the chaser) go an infinity of
admissible trajectories (sec Figure 12). The set of all these trajcctories is bounded by the wrajectory arriving at Xf™ and that
arriving at X, To the first one corresponds the smaller nominal vertical velocity, to the sccond onc the larger, Furthermorn,
there exists a bi-univoque comespondance between the end point inside the arrival interval and the nominal vertical velocity.
In order to minimize the consumption, the following procedure can be followed : from the estimated position of the chaser,
the extremal admissible wajoctorics are calculaled, together with the reiated vertical velocities, If the esumated vertical
velocity of the chaser lies inside the admissible interval, only the horizontal velocity is corrected. Otherwise, the vertical
velocity is also corrected taking into account as the reference velocity the closest bound of the admissible interval

I e ORI e T
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Figure 11 : Guidance to texminal point
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Figure 12 : Release on the end point abscissa specification
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Table 4 : Comparison of guidance concepts for the homing and closing phascs

3.2.3 - Performances and robustness evaluation

The performance of both strategies in terms of consumption and dispersion box at the terminal pomnt as well as therr
robustness w.r.t. failures such as navigation failures, thrusting failing to operate, thrusting failing on have been cvaluated
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using adapted simulation tools (see Table 4). A typical number of one hundred guidance and control boosts ts required n order
1o meet the specification in terms of final dispersion box, which are typically :

HOMING CLOSING
§X=100m 8X=10m
8Y=0Z=10m 8Y=8Z=5m
5X=2cm/s $X=5Y=587=1cm/s

5Y=5Z=2cm/s

From an algorihmic pomnt of view, the guidance on a fixed trajectory is sumpler. However, with such a strategy, the
consumption is much increased when the chaser moves away from the reference trajectory. For the homing phase, considening
a guidance to terminal point strategy, the relcase on the end point abscissa specification induces an important reducuon of the
propellant consumption As regards the closing phase, the algorithmic singulanty at the end pont becomes important and
the release on the final point constraints is not desired. So, for this subphase, the guidance on a fixed trajeclory is
recommended in the nominal mode. However, 1in a backup mode, a backup trajectory has to be defined w.r.t. the estimated
chaser state, so that a guidance to terminal point algorithm should be available.

3.3 - Control scheme for the final approach

Only the dimensioning phase from a few meters from the target up to the docking 1s considered here. The basic difference with
the previous phase is that the relative attitude of the target ! the chaser must now be controlled. The wthtude of the target 1s
assumed to be unmeasured (no transmission of the target gyros information towards the chaser) bu. only estimated (sce
Section 4 3) Duning this phase, the desired relative axial velocity 1s typically 5 mm/s. The most stringent specifications on
the kinematic conditions at docking are related 1o the relauve attitude and angular rate and to the lateral position and velouity
of the docking port center in the target docking frame (TDF) (sce Table 5). To simphfy the presentanon, only the movements
of the chaser in the target orbit plane are considered. The lincarized equations of the motion can be set as -

ér::Qr

relative attitude .
Q =Tyl - Qr + pert

2=+ Ko+ L) Qr + Lo
z= F./Mc + ).(-Qr+pcrl.

lateral motion

X=X
i(lc= Fx/Mc

axial motion

where the following notations are used

(x,z)  deviation of the HERMES docking port center from its nomunal trajectory expressed in the TDF
(%) axial and lateral deviation rates of the HERMES docking port center in the TDF

(%) veloctty of the HERMES UG in the TDF

Qe chaser angular rate it the TOF

Or target angular rate in the TOF

Q relative angular rate

Ty control torque on the chaser

(FuFy)  control forces on the chaser

le distance from CG 1o docking port of the chaser
Ix distance from CG to docking pori of the target
Mc mass of the chaser

L incria of the chaser

As shown by these cquations, the dynamics of the lateral deviation and the relative angular deviation of the docking ports are
coupled Taking into account this problem, the following guidance/control scheme has been proposed. The known
perturbations due to Coriohs orbital lcrations are first comp d by the guidance forces. The axial and lateral
deviations .re then controlled using pre porional-denvate  -dbacks. The relatve angular deviations are controlied so as to
induce a rotational movement of the chaser around its docking port, keeping 1t fixed in the TDF. Such a coordinated movement
requires a feedback of ihe relative attitude and angular ratc on both the torque and the force command (sce Figure 14). This
guidance and control design has besn validated by simulations (see Figure 15) taking into account the estimation of the

required feedback variables from - available measurements : range, ligns of sight and relative attitude angles (see the next
section),
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AZ < 40 mm
AZS 2mmfs
AB, 5 1.5°

26,5 0.1%s

Table 5 : Typical specifications on the kinematic conditions for docking

Figure 13 : Frames and measurements during the final approach

=K Z-KaZ

Figure 14 : Control strategies for the final approach

4 - HERMES ORBITAL NAVIGATION
4.1 - Navigation systems, architecture and equipments

The lotig-range m-orbit navigation of HERMES is based on the NAVSTAR Global Posutioning System (GPS) for the
position an<t velocity estimation and on incrhal measurements (IMU) updated by Star Sensor (STS) measurements for the
atutude estiatation. GPS navigation will be detailed in the next subsection. Design rules for the proposed awstude estumation
can be found i {2). As GPS is available only with the degraded C/A civil code, the achicvable performances, admissible for
the transfer, docs no longer permits a precise and safe navigation near the target and would lead to an extra consumption. So,
the bascline is to perform the homingfclosing phase with a cooperative target which delivers its own GPS nformation to
HERMES. The treatment of the GPS measurements from both HERMES and CFF generates a relative positionfvelocity
estimation sufficiently precise to achieve a safe homing/closing.

Durning the RV proxinuty operations, from a typical relative distance of onc hundred meters up 10 the docking, a
dedicated navigation cquipment is required for taking over the no more efficient relative GPS accuracy and for providing
relative attitude measurements during the last meters, The current baseline for such a navigation system rehes on optical RV
sensors (RVS), the imnial sensor acquisition being required before the final transiation. Among the various candidate
technologies, the proposed concepts are based on CCD camera (see Figure 16) which deliver two lines of sight (LOS)
measurements, a relative range measurenent and a relative atitude measurement during the last 20 meters.

N e e s CEmm e R e - - --
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Actual and estimated relative attitude (degrees)

Figure 15 : Simulatons for the last meters approach

?
~ ¢
'§ -
e ﬁ A\ R AP T DA _
Ty M I
g
i1
L]
K .8 [CA 200.08 300,00 406,60
TIME (SEC)
Actua! and estimated lateral position of the chaser docking port in the TDF (inm)
L]
.l- L
i fL\ 0 /\\ Vi WY T2V A AL
ATV w
§=;
"
! 0.00 100 200.08 N 400,00
TIME (SEC>
Lateral velocity of the chaser docking portt in the TDF (mm/s)
3
L3
_; ©
g M
Y N o et N
8 ° \\ W\/ — 7
LY AVAT
s
g
43
7
¢ 00 500, ne ‘SCC:M.N 300,00 400. 00
Actua and cstimated lateral velocity of the chaser CG in the TDF (inm/s)
| —
sl o, //
5\ Jaal
£~ 7
1A
0.00 100, e (sccfu.u 00,00 486.00




1413

\2 1 .
X °
2 +-a koo I‘.\"‘Q
N R
?;“"A::N 0 ERRO ANGULAR ERROR ANGULAR AND
POSITION ERAOR

Figure 16 : RVS concept based on CCD cameras

The architecture of the navigation system must take into account the FO/FS and safcty/rehability cntena as well as
constraints on the mass and the complexity of the whole system. A compromise between these antagonist requirements leads
to the following sensor configuration :

AvS 2
GPS 2
MU 3
STS 2
HD 1

In the case of a double failure requiring an emergency re-entry, a back-up mode compatible with re-entry constramnts and using
no addiuonal hardware must be defined. To cover the contingency of a double GPS receiver or GPS unavailability, the selected
back up mode is to use the DRS measurements processed on ground. This is the only case where the navigation function 1s not
performed autonomously. The atuitude esumation back-up mode uses the Head-Up Display (HUD) measurements before de-
orbiting in order to bound the attitude estimation divergency and to enable orbital guidance, together with a specific
deorbiting strategy coupled with GPS measurements for providing an improved initial atitude estimation to the re-entry
navigation.

4.2 - Relative GPS navigation principle

An autonomous on-board orbit estimation 1s required and thus HERMES must be able to update an orbit model by us
own measurement capabilities. The GPS system 1s the sclected measurement mean for thus orbit estimation The good
performances offercd by GPS make it probably oversized for the only orbital drift phase, but first, its utilization can be
optimized for power management and secondly, it offers the following mission oriented advantages :

- GPS can be used during reentry,

- Relative GPS navigation technique provides an accurate navigation during the rendezvous up to 100 m ,

- Differential GPS with respect to a ground beacon can be used during the landing,

The relative navigation principle using GPS will now be described.
4.2.1 - GPS measurements

The NAVSTAR GPS is based on a consteliation of 18 satellites (mmimum number) placed on circular orbits at the
alutude of 20000 km. The information delivered by cach GPS satellite (GPSS) consist 1n the current cphemens of the satellie
and the GPS date. Companing the GPS date of thc message with the HERMES ume yiclds the so-called pseudo-range
information :

. .
-0+ c 8t

where T is the HERMES absolute position, %, the GPSS absolute position, 3t the desynchronizauon between HERMES time
and GPS time (thc GPSS are all synchronized) A range rate measurement can also be performed using the Doppler effect on the
GPS signal carrier. Proceeding by triangulation from three pscudo-range measurements would yield the desired absolute

position 1if 8t = 0. As the HERMES and GPSS clocks are not synchronized, a fourth pseudo-range measurcment 1s required Lo
recover a reliable position estimation. The triangulation accuracy crucially depends on the geometric distibution of the GPSS

-
up Uz Uy Wy

1111

in visibility, If W is the unitary vector defining the LOS HERMES-GPSSi, and H the 4x4 matnx of the sclected

LOS, then the positive number ;

tr (THy!1

(named as the Global Dilution of Precision (GDOP)) characterizes the achievable positioning performances . the smaller it is,
the better the localization, With more than four GPSS in visibility, a selection which mimmizes the GDOP 1s recommended
Otherwise, in the frame of a pure GPS point navigation, the position is no longer observable due to the clock drift. The
appearance frequency of such unobservability conditions highly depends on the receiver antenna aparture.
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The main source of GPS measurement errors comes from the selective availability (SA) concept attached 10 NAVSTAR

procedures : for civil applications, a low frequency coded degradation is superposed to the original signal. Other perturbations
ducto:

- the GPS receiver noise,
- the GPSS$ cphemeris errors,
- the ionosphere propagation,
- the clock divergence between HERMES and the GPSS.
are also to be considered. Table 6 gives the error allocation on the pscudo-distance measurements.

SOURCES ERROR(l0)
SA + GPSS ephemens +
satelite clock 30 m
user receiver 10m
onosphere 15m
Total 33m

Table 6 : Ervor allocation on pscudo-range measurements

4.2.2 - Relatlve GPS pavigatlon filter

In the HERMES RV mission, the target is assumed to be equipped with GPS receivers and to transmit tts own dated
GPS pseudo-range to HERMES. An important improvement of the GPS absolute navigation can then be achieved by directly
substracting the pseudo-range meausuremnents of both vehicules which leads to the relative pscudo-range “measurement” |

U.R+cdt

where R is the relative position of HERMES and CFF 1n the TOF and 8t the clock desynchronization between both vehicules,
In this operation, the slowly varying SA bias as well as the propagation disturbances and the GPSS ephemeris bras are nearly
eliminated. Residual errors due to the non simultancity of the chaser and target measurements are neglectable if a

synchronisation better than 1 second is achieved. On the contrary, the GPS receivers noises are amphficd by a factor 2. In
order to prevent the bad GDOP configurations and to filter the mcasurement ncise, an optimal filtering will be performed
through a Kalman filter using an on-board prediction model of the chaser movement in the TOF (sce Section 3.1) A two-order
model of the clock drift is integrated to the prediction model. The global prediction model can be expressed as ¢

. ~ A
X=AX+BU +px
and the measurement cquation :

Y = C)X +py

where the following notations are used :

X=(x,y,2 %y, z.c8,cd)
N A A A

U= (Y Tye 'Yl)T

Px estimated perturbations (differential air drag)

Y = (t1, 12, 13, 18 selative pseudo-range measurement (Jmearized)

with £0) =5, R+ ¢ 8t (R = (xy,2)")

relative state (position, velocity, clock drift)

cstimated thrusting accelerations

Acw 06,2 ) 03,
A= » B = h';

01
0 023
| U2 00

+T

i

C= : 053 :
T 10
L U

10

-
and the Ws are the chaser-GPSS estimated LOS. The unmodelized perturbations which must be considered for designing the
Kalman estimator arc :

- the error on the thrust cstimate (including attitude estimation crror, thruster misaligment, thrust level eror, ...),

- the neglected second-order terms in the CW dynamics,

- the residual term due (o the target orbit eccentricity,

- the error on the differential air drag estimation,

- the differential cffect of the J2 gravity term.

P




14-15

As scen above, the measurement errors essentially proceed from the GPS receiver noises. It is worth noting that the
measurement model is non stationary since 1t vanes w.r.t. the sclected GPSS configuration A discretized linear prediction

model at a sample time Tp can be used @
Xoot = FXo# G Up o

Yo = HaXa
with
T
F:cxp(ATp) . G=f cxp(A(I‘p— 17).Bdt
[
Ha = C(nTp)

which leads to the Kalman estimation procedure desenbed mn Table 7 (R is the covariance matnx of the measurement noises)

ESTIMATE ERROR COVARIANCE GAIN

-~

PROPAGATION| X, 2FX\+G0g+Pn|  Pri=FPFT+Q, .

. an - 0- . (0. T . . i
UPDATING [ =X+ Ka( Yo HoRp)| P = (1K Pull- Kol iR 4 P
+K.RK,

Table 7 : Propagation of the state estimation

The optimal design results of a compromise between the rejection of the perturbing accelerations and the filtering of the
measurement nose. As the perturbing aceclerations are far from being ideal white noise, an artificial state perturbation matrix
Qn must be sclected and wned 1n order to achieve optimal performances. Due to the fact that the perturbation level greatly
vanes durng the honung/closing, the matrix Qn cannot be constant, At the interface between the transfer phase and the
homung phase, the error covariance matrix is transmitted for the initizlization of the filter.

4.2.3 - Navigation performance assessment

In order to assess the navigation filter performances, the mean and the covariance of the cstimator error are
propagated along the refence trajectory (see Section 3.1). Set :

& = Xn=Xa stale estimation crror

8y = T ua thrust estimation error

1o = Efer) mean value of the estimation crror

Py = E[(cn—m,,)(c,,—m,,)T] covariance of the centered estimation error
Q- true covariance of the pertwbations

Ra covariance of the GPS relative measurements

‘Then, the error propagation is given in Table §.

ESTIMATION ERROR MEAN | ESTIMATION ERROR COVARIANCE

PROPAGATION| 1, 2 Fm,+G&u,+E(ph) PauixFPF + Q)"

UPDATING mg=(1-KH,)m; Plu(l- K ) Po(h K )+ KR KE

Table 8§ : Propagation of the estimation error mean and covariance

The global performance on the 1t position or velocity variable 15 obtained from the corresponding crror mean m and the
corresponding diagonal clements o of the error covariance matrix by the formula

worst case performance /1% variable = m, £36G

Navigation performance analysis during the homing and the closmg phases have been carmied out Figures 17 and 18 show
typical propagations of the global performance for cach subphases. The chaotic fluctuations are due to the GDOP vanations of
the selected GPSS which induces transient evolutions of the Kalman filter. This clearly illustrates the hugh degree of non
stationasity of the estimation problem.

4.3 - Navigation during the final approach

The short range relative navigation of HERMES (from 100 m to the docking) is based on the use of RV sensors which
provide one relative range measurement, two LOS measurements and three relative attitude measurements (the later during the
last 20 meters). Typical performances of such sensors are shown on Figure 19. The proximity operation can be decomposed
nto two main subphases. From 100 m to 20 m, only the relauve position and velocity of HERMES center of gravity (CG) are
estimated via LOS and range measurements. The continuity with the previous phase is guaranted since the cstimated state and
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the prediction error model are the same. In the final path, from 20 m to the docking, the position and veloenty of HERMES
docking port center in the target docking frame (TDF) must be estimated and controlled. Then, the measurement of the relative
attitude of HERMES w.r.1. the Space Station must be taken into account. During this phase, the HERMES gyro measurements
are also used as well as an estimation of the absolute CFF attitude in its local orbital frame.

To simplify, the problem of estimation will be stated without considening the out-of-plane motion. Only the
dimensioning phase 20m to Om is considered. The notations correspond to those of Section 3.3. The funcuon assigned to the
navigation filter is to deliver an estimation of the following variables «

1) HERMES -target relative attitude 6, and target absolute angular rate,

2) axial position x and velocity X of the HERMES docking port center in the estimated TDF,

3) lateral position z and relative velocity 7 of the HERMES CG in the estimated TDF.

RANGE MEASUREMENT ACCURACY
{3 sigma, Log scales)

ACCURACY

RANGE

RELATIVE ATTITUDE MEASUREMENT ACCURACY
(3 sigma, Log scales)
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Figure 19 : RVS performances versus range
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For a preliminar evaluation of the achievable navigation performances, an estimation filter has been designed as a triple of

(o,B)-filiers for cach group of variables :

RELATIVE ATTITUDE ESTIMATOR
" -
i attitude 6, > ——
- FILTER 1 N
HERMES gyro 2, — Qy

AXIAL POSITION AND VELOCITY ESTIMATOR

range measurernent Xy emeeeitd fr—- X
~ FILTER 2
d axial accel [“ —] - }

LATERAL POSITION AND VELOCITY ESTIMATOR

LOS measurement  Zg =X (LOS-8,) ————m -
FILTER3

estmated lateral acceleration r,— R

o~

&)

The predictor model is given by the dynamical equations described in Section 3.3. For convenience, the cstmation of the

relanve lateral velocity 1s replaced by that of the relative velocity z of HERMES CG mn the estimated TDF, The (&.8)-filters
cquations then can be written as :

8 = O -Qr+ (67 -0)
Qr = Bi (67 -8,

AN ~

X = X+02(Xm=X)

A ~

x = Br(xm—x)+ T

A m A -~ A,
2 = 7o+ Lk + (X + Lr)Qr + 03 (2 - 2)
A

7.c =X+ rt*‘BS(Zm—/Z)

Owing to the coupling between the attitude and the lateral velocity chans, this design is not quite optimal bui 1s expected to
be representative of the actual on-board filter performances. The (,f8)-gams are to be opumized so as o oblan a good
compromise between the filtering of RVS noise (low bandwidth required) and the attenuation of the perturbations due to the
lack of knowledge on the target angular movement (large bandwith required). The residual axial velocity requured for the
docking mechanusms fiting 15 a dimensioning parameter : the larger it is, the wider the desired bandwith An improvement of
the navigation performances can be obiained in the case where the target gyro measurements are transmitted to HERMES
However, this possibility would be investigated only if necessary. A less constraiming mean for .educing the required
navigation bandwith consists in switching off the attitude control system of the 1arget duning the last meters precceding the
docking which makes casier the estunation tasks.

A covariance analysis of the navigation errors can be performed as described in the previous section. The main
prediction errors which must be taken into account in this analysis come from :

- the guidance and control boosts misalignments and unaccuracics (calculated on a reference trajectory),

- the poor differential drag estimation,

- the target attitude behaviour,

- the plume impingement effects.

Preliminary simulation results are shown on Figure 20, which seem compatible wath the specifications on the kin~matic
conditions for the docking.
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Figure 20 : Navigation performances : final translation

5 - MAN INVOLVEMENT IN THE RVD TASKS
§.1 - Man Machine Interaction and Task Allocation

RVD with intensive intervention by man has been demonstrated many times in orbit with man acting as sensor,
processor and actuator. However, the technology has also made it feasible to perform a completely automatic RVD. Although
it is true that automatic systems perform better than man in tasks which require cither fast processing of huge amounts of data,
fast and accurate detection or actuation, continuous resiless operation or operation in hostile environment, st must also be
acknowledged that some human capabilities are still unchallenged by the most powerfull automatic systems. This is due to the
human ability to use judgement, to infer from fuzzy information, to react in case of unexpected or unanticipated cvents, to
learn from expericnce, to formulate new stratcgies, ...

The allocation of tasks to man and machine cannot be an citherjor process, i.c. either maii 1s better and he is in
charge, or the machine is better and man 1s excluded, This approach has been overtaken by technelogical progress and does
not consider such important factors as the requirement for the man to be involved pennanently in order to be ready to cxercise
his superior capabilitics if necessary. Moreover, the eitherfor approach dees not consider that the best perfoimance of the
automanc sysiem can only be achieved if the real environment in which it has to operate actually corresponds to what was
forecast during its design. This approach ignores the fact that man, although not as accurate and efficient in some automatic
tasks, can intervenc just to correct these uranticipated deviations by supenmposing his correction to the action of the
machine in order o achieve the desired performance

Therefore, the allocation of tasks should rather be a reselt of an integrated design process, Man and aatomauc
systems must then be considered from the beginning with their capabilitics and limitations and proper criteria must be defined
from which the allocation of tasks has to be performed. The ultimate goal is to obtain a symbiotic ccoperauon of man and
machine, in which man and machinc complement cach other in order 1 obtain the safest possible system, and within suck a
system, to optimize the performance.

§.2 - Possibilities for man involvement in the GNC tasks
The passible levels of involvement of the pilot in the GNC process are shown in Figure 21. Their ate related to

- the manual update of the state estimation (point 1),

- the manual adaptation of guidance parameters (point 2),
- the manual guidance commands (point 3),

- the manual control commands (point 4),

- the manual command of individual thrusters (point 5)

Pilot involvement in GNC tasks may be planned for nominal modes which arc not fully automatic, or for nomnal
modes which, although being fully automatic, could benefit from the intervention of man e g. 10 correct unexpected brases, ot
for backup and emergency modes to replace a failed avtomatic system.

5.3 - GNC functions in nominal modes of RVD

On the basis of the results of past works on unmanned spacecraft RVD, and taking into account the requiremients,
capabilities and limitations of the automatic system and the pilot, a concept has been proposed for the HERMES GNC during
RVD. The concept assumes that in nominal modes, GNC functions are performed by the automatic system. Tte pilot has the
role of supervisory control which includes :

- involvement in the mission and in the vehicle configuration management tasks,
- monitoring of the operation of the GNC system, which requires complete obscrvabiluty, including visibilty of

thn tavmat at oh,
arget alsh

- cooperation with the automatic GNC system to correct small deviations (vemier control).

distance,

The vernier control by the pilot is explained with reference to Figure 22. The automalic system estimates the relative chaser
position and attitude. The pilot compares these estimations with the actual position and attitude as viewed via the video
camera system and introduces an additional innovation to the state update block. This can be made by superposing a dynamic
patiern generated by the automatic system from the state estimate with the actual pattern obtained by the vidco camera, Using
the side stick, the pilot moves the artificial pattern and makes it coinciding with the real pattern. The motions of the aruificial
pattem are translated into innovation signals which are fed to the state update software of the automatic system. In this

Prv—




14-20

concept, the resources of the automatic system arc fully used and the pilot is called upon to supplement the system by
correcting the unexpected crrors.

The required observability is given to the pilot by means of :

- caution and warning function,

- synthetic data consistent with the current control mode,

- granting access to all system information on request,

- direct or camera-assisted view of the target during the final approach through the Crew Vision System (CVS).

The supervision by the ctew passes through the Man Machine Interface devices, ergonomically arranged in the HERMES
cockpit. The proposed cooperation between man and machine can be stated as follows. As regards to the mussion
management, highest authority for the selection of mission objectives and strategies belongs to the ground and the crew. The
pilot sets strategy parameters and GNC system modes while the automatic system provides the pilot with the necessary aids to
perform its role. Automatic operation sequencement and monitoring is performed, the pilot giving go ahead commands at key
points. At any time, the pilot has the capability to override the automalic process. As concerns the vehicle management, the
machine petforms the vehicle configuration sctting and kecping, including FDIR, and reports to the mission management
level and to the pilot through the MMI. The pilot cnoperates in FDIR tasks and may command vehicle configuration changes
consistent with the sclected operating mode.

REAL PATTERN ESTIMATED REAL PATITERN NOMINAL
POSITION SATTERN POSITION rOSITION FATTERN POSITION
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Figure 21 : GNC system operability by the pilot
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6 - CONCLUSION

In this paper, some concepts for the HERMES Rendezvous system have been examined. A particular attention has

been devoted to the description of the mission requirements and constraints, mainly dictated by the safety rules attached to the
HERMES-CFF mission. Strategies for the guidance and control design during the eritical phases of the RV have been analysed
and compared in terms of performances and robustness w.r.t. faillure. The navigation system selected and designed for HERMES
has been presented, with some emphasis on the GPS navigation dedicated to the homing phase and the optical navigation
during the final approach. The crew involvement in the GNC and management process has been also discussed.
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SPACECRAFT ATTITUDE DYNAMICS: EVOLUTION AND CURRENT CHALLENGES
V.J. Modi

Department of Mechanical Engineering
The University of British Columbia
Vancouver, B.C., Canada, V6T 1W5

ABSTRACT

The paper briefly reviews complex interactions between flexibility, deployment, environmental forces and attitude
dynamics during both steady state and transient phases. The available literature on the subject is cited through several
review papers which would give fair understanding of its present state. Parametric studies suggest that critical combinations
of system variables can drive the spacecraft unstable, however, suitable control strategies are available to restore equilibrium.
Emphasis throughout is on methodology of approach to complex dynamical systems and analysis of results to gain better
physical appreciation as to their response character. To that end mathematical details are purposely avoided. Evolution
9ftthe field and current challenges are illustrated through examples involving a variety of configurations of contemporary
interest.

1. INTRODUCTION

Motion of a spacecraft presents two dynamical aspects of interest. The most obvious one is the trajectory traced by its
center of mass which is governed by the classical Keplerian relations. However, spacecraft are not point masses as Kepler
assumed in the analysis of planetary bodies. They have finite sizes and hence inertias. Thus a satellite while negotiating
a trajectory may execute rotational motion about its center of mass commonly referred to as libration (Fig. 1). In this
presentation we will be concerned with librational dynamics and stability of the Earth orbiting systems.

There are numerous situations of practical importance such as communications, scanning of cloud cover for weather
forecasting, survey of earth resources, scientific and military observations, etc., where it is desirable to maintain a satellite
in a fixed orientation with respect to the Earth. Unfortunately, even though a spacecraft may be precisely oriented at
launch, it tends to deviate from this preferred orientation under the influence of environmental forces in the form of the
solar radiation pressure, interactions with the Earth’s gravitational and magnetic fields and, if the spacecraft happens to be
close to the Earth, free molecular reaction forces (Fig. 2). Internal motion of payload, astronauts and sloshing propellant
as well as coupling of the attitude dynamics with the orbital and flexural mechanics may add to the problem. This leads
to undesirable librational motion which must be controlled for successful completion of 2 given mission.

_Several methods of attitude control have been developed over the years. Broadly speaking they may be classified as
active and passive techniques.

Active stabilization procedures involve large expenditure of energy usually in the form of microthruster units, momen-
tum gyros and reaction wheels. Sometimes the whole satellite is turned into a gyroscope as with the spin-stabilized and
dual-spin systems. But energy is a very expensive commodity aboard an instrument packed spacecraft. A satellite can
carry only a limited amount of fuel (energy) for librational control. Once the energy supply is exhausted there is no attitude
control left, the satellite succumbs to the disturbances, starts tumbling and the mission is distupted, The spacecraft has to
be discarded although its structural and electronic systems may be functional. This, of course, is quite cxtravagant. It is
somewhat like discarding an expensive automobile just because it has run out of gas (petrol). Most early communications
satellites used to have a life-span of 4-7 years which is now extended to 6-10 years thus requiring their periodic replacement

at an enormous cost.

Stabilization techniques demanding very little or virtually no power consumption are termed passive, This is generally
achieved by designing satellites with physical characteristics (such as boorns; flaps like aileron, elevator fmd'rudder of an
airplane; magnetic dipoles, etc.) which interact with the environmental forces in a manner so as to maintain a specified
orientation. Environmental forces such as the gravity gradient, solar radiation pressure, earth’s magnetic field and, for
near carth satellites, free molecular reaction forces are available for ever at no cost. Modi et al. have rev:ewefl the rclcyant
literature 1n two papers {1,2] citing 132 and 223 references, respectively. A subsequent paper by Markland primarily aimed
at the attitude control of communications satellites, complements the above two studies [3, 47 referencesf.

The vast body of Jiterature reflects logical evolution of the spacecraft design, the problems it posed and the analyses
needed to exé)Iore their resolution. It can be classified in a number of ways depending on the objective, however, from
dynamics and control considerations following areas of development appear distinct:

(a) formulation methodologies particularly for multibody systems with open or closed topology;

(b) dynamics and control of = (i) rigid systems; {ii) rigid systems in the presence of environmental forces; (iii) systems with
flexible appendages; (iv) transient behaviour during deployment and retrieval, evolving structures such as integration
of the propeced Space Station Freedom; (v) flexible systems in the presence of environmental forces.

Objective here is 4o briefly touch upon some salient features of dynamical performance through typical examples, cach
representing a large class of systems, with further details left to references.

2. RIGID SYSTEMS
"T'o help appreciate physical aspects of the system dynamics, we will puipusily consider a simple configuration of 2n

axisymmetric, gravity oriented, nonspinning satellite in a circular orbit, Recogniz.ing that t_he orbita;l pcrtursations due. to
librational motion are small [4,5], the classical Keplerian equations are still considered valid. This leads to the governing

nonfinear, coupled equations of motion for inplane (e, pitch) and out-of-plane {7, roll) degrees of freedom as (6]

& ~ 2(&-+ 6)4 Tany + 362 K,Cos*y Sina Cosa = 0,
5+ [(&-+ 6) + 36 KiCos*a}Siny Cosy = 0. (1)

Even without solving these equations one can get some appreciation as to the regions of possible motion and dynamical
stability simply by studying the zero velocity plots,

Cy = (2H[16%) = K; = —Cos*4(1 + 3K; Cos*a), @)
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where, H, the Hamiltonian, is a constant of the motion as the Lagrangian function “oes not involve time explicitly. As the
velocity becomes imaginary for a point outside a zero velocity curve, the librational motion can occur only when v and «
lie inside the domain bounded by the curve. Thus for: Cy < =(1+ 3K,), no motion is possible; (1 +3K,) < Cn < -1,
motion is bounded; =1 < Cy < 0, motion can be unstable only in « direction; 0 < Cjr , unbounded motion is possible in
both coordinates. Typical zero velocity curves in «,4-plane for X, = 1 are presented in Fig. 3.

Pzrametric analysis of a system, particularly with a large number of variables and a range of initial conditions of
intercst makes presentation of results in a concise form a chailenging task. The concept of invariant surface or integral
manifold, generated by what Hénon and Heiles [7] refer to as a ‘numerical experiment’, proves to be quite attractive to this

end when the governing equations have periodic coefficient as in the present case. Modi et al. have described the process
at length in a series of papers for gravity gradient [8-10] and spin-stabilized satellites [11,12] even in the presence of solar
radiation pressure {13,14] and aerodynamic forces {15,16}.

Consider, for example, an arbitrary satellite in an elliptic orbit of eccentricity ‘e’ undergoing planar librational motion

governed by
(1 + eCost)o” — 2¢(a’ 4 1)Sind + 3K, Sina Cosa = 0, ®)

where prime denotes differentiation with respect to 4, the true anomaly. An initial pomnt & = a,, &' = &, § =0 is chosen
and equation (3) integrated over 27, This produces a “consequent” point a = ay, o’ = af, ¢ = 27 which may be considered
23 a new initial condition at 6 = 0. The process may be thought of as a transformatioin , definea by equation (3), of the
initial point. The new starting point may itself Le transformed, repeatedly, leading to a series of po.n.s in the a, o' - plane
at 8 = 0. If any of the transformed points lies outside the region —#/2 < a < /2, all the points determined by the process
lead to tumbling motion and may be plotted in the unstable region. Alternatively, the points may lic inside the region
indicating stable operation and, when plotted, define 2 curve. This is an invariant curve of the transformation, i.e., the
transformation of the curve lying in the 8 = 0 plane results in the same curve being generated at § = 27, The two curves
are connected by an infinity of trajectories defining a surface which may be called an “invariant surface”.

Figure 4 represents such an invariant surface schematically. An initial condition interior to this surface resuits in the
generation of a new surface which lies within the one shown. On the other hand, an exterior initial condition generates
an external surface provided the motion continues to be stable. Hence the desired region of stability is represented by the
interior of the largest invariant surface that can be constructed. Interior of the limiting invariant surface for K, = 0.7 and
¢ =2 0,2 is shown in Fig. 5.

The concept of a limiting surface represented in the phase space is very important. For a given eccentricity, it
provides all possible combinations of initial angles and velocities to which a satellite may be subjected at any point in its
orbit without causing it to tumble. Of equal significance is the fact that, at a critical combination of system parameters
(e, K, cte.), the stability region shrinks to a point; or in the phase-space representation tha invariant surface degenerates
to s single trajectory, showing the existence of a periodic solution.

One may explore a further possibility of condensation of information by taking an intercept of the manifold, say at
0 = & = 0 a3 a measure of the system stability. Fig. 6 shows effect of cccentricity and inertia on the region of stability
of a satellite undergoing planar librational motion. Note, for a dumbbell satellite (K, = 1), except for an isolated island,
the system becomes unstable for ¢ > 0.33 (Fig. 6a). For K; = 0.1 (K, = 0 is a sphere) the stabiiity region has shrunk
significantly, and stability beyond ¢ = 0.1 does not exist. Of course, this is in absence of any active control. Thus
the information can be used to advantage in designing an appropriate control depending on the system parameters and
operating conditions.
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Figure 3 Zero velocity curves for K; = 1. Figure 4 A schematic representation of an invariant surface.

As can be expected, environmental forces affect the margin of stability adversely [13,16]. A study of the spin stabilized
satellites by Modi and Pande [17} brings home this point rather vividly. Significance of the inertia parameter I{Iy, /122,
ratio of the axial to transverse inertia, axisymmetric satellite), the spin-parameter o (spin rate nondimensionalized with
respect to the orbital rate) and the orbital eccentricity is quite apparent in Fig. 7. It shows variation of & , the angular
deviation of the axis of symmetry from the orbit normal, as a function of 8. It is apparent that a judicious choice of
parameter values is essential to avoid tumbling motion (® > #/2). Of particular interest is a disturbing influence of
the solar radiation pressure represented here by the parameter C. This dimensionless parameter depends on the satellite
geometry and mass distribution, reflectively and transinissibility of its surface, distance ¢ between the c.m.. and the center
of pressure, solar intensity and the perigee distance. Note that the value of C as small as 0.5, which would physically

correspond to ¢ = 3 em for INTELSAT IV category of satellites causes the spacecraft to tumble over. Of course, in aztual
pr.achce, a higher spin rate and/or active control system would counter this tendency. Nevertheless, the analysis ¢learly
brings out the fact that the solar parameter C is of the same importance as I, ¢ and ¢ in the design of the satellite atutude
control system.

Trojectory

Figure 5 Limiting invariant surface showing the boundary of stability for K, = 0.7 and ¢ = 0.2,
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Figure 6 Stability in the presence of impulsive disturbances as affected by the orbital eccentricity:
(a) Ky =1; (b) K, = 0.1,

2.1 Nonlinearity and Coupling

Nonlinearitics and coupling between the degrees of freedom represent key factors governing response, stability and
demand on the control system. To illustrate this point consider librational dynamics of the Orbiter, Fig 8 shows librational
response of the Orbiter in a circular orbit when subjected to a relatively small disturbance of 0.05° in roll, yaw and pitch
simultaneously. The response is evaluated using nonlinear as well as linearized approaches for the Orbiter in three different
configurations, Note, except for local details, particularly at large angles of attack, the lincarized approach seems to predict
the trend towards instability accurately ﬂFigs. 83, 8b, 8¢, 8d). During the small amplitude bounded motion (Fig. 8¢),
linear and nonlinear analyses yield virtually the same response as expected. The Lagrange configuration representing the
minimum moment of inertia axis along the local vertical and the maximum moment of inertia axis aligned with the orbit

norma(; is stable. Thus from control consideration, the Lagrange configuration will be less demanding in terms of fuel
expenditure,

However, in the presence of a relatively large disturbance, the linear analysis would lead to misleading conclusions.
This is clearly demonstrated through Fig. 9. The Lagrange configuration found to be stable under small disturbances is
now subjected to a roll, yaw and pitch disturbance of 4°. Note, the linear analysis continues to predict bounded motion
(Fig. 9a) while actually the system is urstable (Fig. 9¢). It is of interest to recognize relatively large deviations from

the equilibrium in the yaw degree of freedom (Fig. 9b), which becomes unstable within five orbits with a slightly larger
disturbance (Fig. 9¢).

To get better appreciation as to the system dynamics during transition to instability, the Lagrange cnfiguration was
subjected to pitch, yaw and roll disturbances separately (Fig. 10). With a pitch disturbance as large as 30° (Fig. 10a), the
roll and yaw remain unexcited and the system is stable. The same is essentially true with a yaw disturbance (Fig. 10b).
However, even with a relatively small roll disturbance (Fig. 10c), the diverging yaw oscillations set-in tending towards
instability. ‘Thus roll control scems to be a key to ensure stability of the Orbiter in the Lagrange configuration.

Figure 11 attempts to study the effect of roll control on the librational stability of the Orbiter in the Lagrange
configuration, The spacecraft is in a circular orbit and is subjected to an initial disturbance in pitch as well as yaw of 4°.
The roll is controlled using the primary and vernier rzaction controls of the Orbiter with a typical time hustory over an
orbit as reported by Budica and Tong [18]. Two different deadband limits are used, yyqz = £1° (Figs. 11a, 11b) and
£0.15° (Figs. 11c, 11d), to have some appreciation as to the degree of control in roll needed to assure stability. The phase
plane response in yaw is included to help judge the velocities involved. It is apparent that the roll control to the extent

of :1° is not adequate and the Orbiter becomes unstable in yaw within five orbits. However, with the deadband limits of
10.15°, the system returns to stability.
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Comparison between linear and nonlincar responses
to a small disturbance with the Orbiter in three
different flight configurations.

(a) €20 . B0z 7[0)= O . @[0]= 30 deg.

{a) e:=0, afol = B[OJB y{o)= 4 deg.

(=0
<
g
©
~ ©f
@
U- 8_ ez0 2"
" (b) afo)=plo): {0l 3 deg.
3 : o
Ty
4 g
nonlinear |
. -~ )’i
o - v,

(c) e:0 , a{0)=R(0)=0 .
7{0):= 6 deg.

1 2 3 4 5
orbits
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(e=0, Q0)=pl0)=7[0)= 4 deg. \"’ Figure 10 Librational response of the Orbiter to an jnde-

pendent excitation in pitch, yaw and roll. Note
the pitch and yaw disturbances lead to essen-
tially uncoupled stable motion. However, even
with a relatively small disturbance in roll, the
system apears to become unstable in yaw through
its coupling with roll.
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It was suspectad that such a demanding control for stability may be due to sharp positive peaks in the roll time
history caused by firing of t!ie thrusters. Considerable extension in the deadband limits can be achieved through smoothing
of the peaks. This is shown in Fig. 12, where the Orbiter’s control strategy is improved to result in an approximately
sinusoidal roll timne history with the deadband limits of £6°. It also shows the effects of changing the roll control frequency.
In Figs. 12a and 12b the rol! control frequency is taken to be 2 cycles/otbit which approximately coincides with the natural
frequency in roll of the uncontrolled Orbiter in the Lagrange configuration (Fig. 9). The system is unstable (Figs. 123,

12b), however, with the frequency increased to 6 cycles/orbit the system regains stability {Figs. 12¢, 12d). Thus an increase
in the roll control frequency as well as reduction in the sharpness of the peaks in the roll time history appear to promote

stability. This is a useful design information as at a frequency of around 13 cycles per orbit, normally used in the actual
practice, the deadband limits can be further relaxed.
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Figure 11 Librational response of the Orbiter in the Lagrange configuration with the time history of roll contzol actually
used in practice.
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3. FLEXIBLE SPACECRAFT : PRELIMINARY REMARKS

In the early stages of space exploration, satellites tended to be relatively small, mechanically simple and essentially
rigid. However, for a modern space vehicle carrying lightweight deployable members, which are inherently flexible, this is
no longer true. Several typical examples stress this point:

(i) Ever increasing demand on power for operation of the on board instrumentation, scientific experiments, communica-
tions systems, etc., has been reflected in the size of the solar panels. The Canada/USA Communications Technology
Satellite &CTS, Hermes) launched in January 1976 carried two solar panels, 1.14 m x 7.32 m each, to generate around
1.2 kW of power.

(i) Use of large members may be essential in some missions For example, Radio Astronomy Explorer (RAE) satellite
used four 228.8 m antennae to detect low frequency signals.

(iii) Preliminary configurations of the next generation of satellites such as the European Space Agency’s L-SAT {Olympus),
Canada/USA’s proposed Mobile SATellite (M-SAT), and many others suggest a trend towards spacecraft with large
flexible members extending to several scores of meters.

(iv

=

The Space Shuttle being operational and having proved its versatility in undertaking diverse missions. several proposals
for its utilization as a platform for conducting dynamics experiments have been presented. They range over stability
and control of large flexible members, manufacturing of structural components for construction of the proposed Space
Station ‘Freedom’, extension of solar panels for augmenting the Orbiter’s power (Solar Array Flight Experiment-
SAFE, Fig. 13), deployment of gigantic hoop-column type antennae for mobile communications systems, and several
others, In fact, NASA has shown considerable interest in exploiting application of the Space Shuttle based tethered
subsatellite system, extending to 100 km (Fig. 14); and an experiment involving 20 km long electrodynamic tether is
scheduled for faunch in early 1991.

We must recognize that flexibility is a design choice dictated in part by a dichotomy of extremes i the “orce environ-
ment: very high accelerations during delivery to orbit followed by very low accelerations in the operational life. Generally,
configuration size and weight are often severely constrained as a result of the launch vehicle limitations or structural
strength of the satellite co~ponents. As a solution, spacecraft »re initially packaged as compact rigid bodies. Once in
orbit, various elements deploy to establish the desired configuration. In case of the proposed space station when under
construction, partially completed components will be continually added thus changing the mass, inertia, flexibility anda
structural damping characteristics. 'I'he presence of environmental forces will only add to the problem.

It should be emphasized that prediction of satellite attitude motion is by no means a simple proposition, even
if the system is rigid. Flexible character of the appendages makes the problem enormously complex. It is, therefore,
understandable why transient behaviour associated with the critical phase of deployment related maneuvers has received
relatively little attention. On the other hand, although deployment effects are of a transient nature, they may be felt over
a long period of time as a result of refatively small extension rates that are normally associated with long appendages. The
Space Shuttle based tethered satellite system mentioned before may take 6-8 hours to deploy and much longer to retrieve.
Construction of a space station may extend over several years.

One may wonder: ‘why not conduct ground simulation studies before taking a structure or its subassemblies ‘n space?
Remember, we are dealing here with flexible structures in microgravity environment having time dependent geometry and
structural properties. In ‘this situation, ground based simulation studies of prototypes and scale models have proved to
be of doubtful value. This has led to more reliance on analyses than in the past. Trend has been towards development
of analytxc_al and_ numerical procedures which can be used with an increased level of confidence. Even with scale models,
accurate simulation of gravity and other environmental forces has proved to be elusive.

. This being the case, flexibility effects on satellite attitude motion and its control have become topics of considerable
importance. Over the yeats, a large body of literature pertaining to the various aspects of satellite system response, stabilit

and control has. evolved which has been reviewed quite effectively by Likins, Modi, Williams, Roberson, and others [19,25{
In fact, a relatively recent issue of the Journal of Guidance, Control, and Dynamics published by the ATAA (American

Institute of Acronautics and Astronautics) contains a series of articles reviewing the state of the art in the general area of
large space structures {26},

k Orbiter
/ 7
Trajectory
Tether, Kevlar,100km
Subsateitite
Figure 13 Orbiter based deployment of a 431 m .
solar array (Sept. 1984). Figure 14 The Orbiter based tethered subsatellite system.
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Attention is also directed towards planning of on-orbit experiments such as SCOLE (Spacecraft COntrol Laboratory
Experiment) to check, calibrate and improve algorithms. It is generally concluded that on-orbit information acquired
during the constructional phase of a space station is the only dependable procedure for its overall design. Obviously, this
promises to open up an exciting arca of in-flight measurements of structural dynamics, stability and control parameters
necessary for design. With the U.S. commitment to an operational space station by late 1990’s, the need for understanding
structural response and control characteristics of such time varying, highly flexible systems is further emphasized.

4. MULTIBODY SYSTEM FORMULATIONS

Importance of flexibility, particularly with reference to large scale systems, having been recognized there have been
considerable effort aimed at general formulation applicable to a wide class of systems. The models considered vary signif-
icantly, however, the ultimate aim is to have dynamic equations of motion for a system of arbitrarily connected flexible
deployable merabers forming branched and closed loop topology. Formulation procedures aimed at dynamics of multibody
flexible spacecraft have been developed by several researchers. These include the early contribution by Ho [27] using the
direct path method to more recent ones by Singh et al. [28, Kane’s approach], Meirovitch and Quinn {29, Perturbation
technique}, Vu-Quoc and Simo [30, rotationally fixed floating frame approach], Spanos and Tsuha {31, component modes
method}, Modi et al. {32, 33, Lagrangian approach}, and others.

A comment concetning Lagrangian approach to the problem might be appropriate. It has not been popular in
multibody dynamics because the kinetic energy expression can become extremely large and perhaps unmanageable {before
the advent of high speed computers) as indicated by Hooker [34] and others. On the other hand, its effectiveness has
been attested by a variety of problems in analytical dynamics for more than 200 years. More specifically, the approach
automatically satisfies holonomic constraints. It provides expressions for useful functions such as Lagrangian, Hamiltonian,
conjugate momenta, ct¢., and the form of the governing equations displays clear physical meaning in terms of contributing
forces.ll?lqually important is the fact that the equations are readily amenable to the stability study and well suited for the
control design.

A key to the use of Lagrange’s approach in multibody dynamics is the development of the kinetic energy expression
in a concise matrix form, which can be differentiated as required. Obviously, the favored form for the kinetic energy is

(1/ ZPTMﬁ where § and M are the system velocity vector and mass matrix, respectively. Also the mass matrix should
clearly display the system’s dynamic character in a simple and meaningful form. Such a form for the kinetic energy is known
for configurations such as a system of point masses, discretized vibrating structures, rigid bodies connected in a chain form

135], ete. To arrive at the form for a complex flexible multibody systems has been a challenge faced by dynamicists for a
ong time. The formulation procedures presented by Modi et al. resolves this problem quite elegantly [32,33]. Essential
features of the general formulation may be summarized as follows:

o spacecraft of an arbitrary inertia distribution in a general orbit undergoing three-axis librations;

¢ arbitrary number and orientation of flexible appendages (tether, membrance, beam, plate, shell) deploying indepen-
dently at an arbitrary velocity and acceleration;

the appendage is permitted to have variable mass density, flexural rigidity and cross-rectional area along its length;

governing equations account for gravitational effects, shifting center of mass, changing rigid body inertia, and ap-
pendage offset together with transverse oscillations;

modified Eulerian rotations 4, 8, & (roll, yaw, pitch, respectively) are so chosen as to make the governing equations
applicable to both spin stabilized and gravity gradient orientations;

the equations arc programmed in nonfinear as well as lincarized forms to permit the study of : (i) large angle
maneuvers; (i) nonlinear effects.

In what follows, this versatile formulation is applied to several systems of contemporary interest to illustrate current
and future challenges in the general area of attitude dynamics and control. Details of the mathematical formulations
and analyses being cxtremely lengthy are purposely omitted here, however, uppropriate references are cited. Emphasis
throughout is on the analysis of results and corresponding conclusions,

5. TRANSIENT DYNAMICS DURING DEPLOYMENT

The configuration selected for study corresponds to the Orbiter Mounted Large Platform Asserabler Experiment once
proposed by Grumman Acrospace Corporation (Fig. 15). Its objective is to establish capability of manufacturing beams
in space which would serve as one of the fundamental structural elements in construction of the future space station. The
assembler is fully collapsible and automatically deployed. It has some similarity to the experiment carried out by astronauts
Jerry Ross and Sherwood Spring in November 1985,

beam /

x,g

Figure 15 A schematic diagram showing the Orbiter based construction of beam-type structural members. The principal
coordinates z, ¥, z having their origin at the instantancous center of mass and beam coord_mgtes ¢, 0 € with
the origin at the attachment point are also indicated. In general the two origins are not coincident.
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 For analysis, the flexibility and deployment rate parameters were taken to be of the same order of magnitude as used
or likely to be employed in practice. In the diagrams e represents orbital cccentricity; BI is the beam flexural rigidity,
assumed constant over the length in this particular example; and L corresponds to the deployment rate. A, and Aoyt
denote beam inclinations to the local vertical in and normal to the orbital plane, respectively. The perigee was taken to
be 331 km, The truss or beam vibrations were represented by a maximum of the first four modes, ¥y, of a cantilever.
Py, Qq represent generalized coordinates associated with the admissible functions used to represent beam-type appendage
oscillations in the { th mode in ¢ and # dircctions, respectively. Py and {; represent transverse gencralized coordinates
normalized with respect to the total length.

Numerical values for some of the more important parameters used in the computation are given below:

Orbiter: Mass =79,710 kg; I.,=8,286,760 kg-m?; I,,,=8,646,050 kg-m?; I,,=1,091,430 kg-m?;
Ipy=27,116 kg-m?;  I,,=328,108 kg-m?; I,,=-8,135 kg-m2.
Beam:  Mass (My)= 129 kg; Length (L) =33 m; Flexural Rigidity (EI) = 436 kg-m?.

Here, z,y, z are the principal body coordinates of the Orbiter with the origin coinciding with the center of mass. In
the nominal configuration z is along the orbit normal, y coincides with the local vertical and 2 is aligned with the local
horizontal in the direction of motion, Only some typical results are presented here. More extensive discussion of the system
behaviour has been presented in the references {25, 36-41].

Figure 16 shows tip response of the beam for two different orientations in the planc defined by the local vertical and
the orbit normal, A,u¢ = 20° and 90°. Note, the two transverse motions ¢ and 5 are coupled with the plane of vibration
precessing, due to the Coriolis force, at a uniform speed which is governed by the beam inclination angle Ayys. For the
case of Agys = 0, the uncoupled motion showed no precession. On the other hand, the precessional velocity increased with
an increase in Aoy and reached a maximum value at A,y = 90°. The plane of vibration of the beam precessed in one
direction only (in this case clockwise for a given Aout).

Effect. of beam deployment on the tip dynamics is studied in Fig. 17. Initial tip deflection is the same as before. Two
time histories with the same duration of deployment are considered. As can be expected, the frequency of oscillation in and
ou* of tho arbital plane gradually decreases with deployment finally attaining a steady state vafue upon its termination. It
is o interest to recegmze that they reach the same steady state amplitude, although it is much larger during deployment
compared to the deployed case.

In practice the Orbiter’s librations will be controlled to a specified tolerance limit. A typical time history [18] of the
controlled Space Shuttle librations during an orbit is shown in Fig. 18. In the following results attention is focused on
response of the deployed beam during such forced excitation of the Orbiter in the Lagrange configuration.

Figure 19 shows the forced tip response as well as the first two modes contributing to 1t for a beam deployed along
the orbit normal with the Orbiter in the Lagrange configuration. At the outset it should be recognized that, for this out-
of-plane configuration of the beam, the out-of-plane motion ¢ and inplane response 5 are coupled as seen before (Fig. 16).
Hence one would expect the Orbiter’s yaw and roll to be reflected in both # (inplane) and ¢ (out-of-plane) motions. The
response shown in Fig. 19 precisely reveals these trends. However, the roll disturbance, being at a higher frequency and
hence with a higher acceleration, appears to be dominant as apparent from the amplitude modulation of the response at
the roll frequency (around 13 cycles per orbit).
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Figure 16 Response of the beam to a tip disturbance when
located out of the orbital plane. Note, the trans- Figure 17 Effect of deployment strategies on tip response
verse motions ¢ and 7 are coupled and the vibra- of a beam deploying normal to the orbital plane.
tion plane of the beam-tip precesses at a uniform Note a reduction in beam frequency during de-
rate. ployment.
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6. THE ORBITER BASED EXPERIMENT SCOLE

Obviously, the main objective of any attitude and vibrational dynamics study of a flexible spacecraft is to develop
an appropriate control strategy so that the system response to disturbances remains within the specified limits. However,
flexibility often results in low and closely spaced frequency spectrum, and a possibility of overlap with the control system
bandwidth. This will demand evolution of high performance attitude control and vibration suppression procedures as well as
observation algorithms with special emphasis on robustness to the parameter errors, spill over management, sensor/actuator
locations, etc. Although a vast body of literature exists in this area, most of the proposed control strategies remain
essentially numerical simulations and hence need to be validated. As ponted out before, it 15 generally recognized that
gravitational, magnetic, plasma, solar radiation. and free molecular environments can not be modeled precisely with the
ground based simulation facilities. Carefully planned on-orbit tests with flexible structures appear to be the only reliable
approach for validation, refinement and calibration of the control algorithms.

Under the circumstances, NASA has proposed an experiment SCOLE [Fig. 20, Spacecraft COntrol Laboratory
Experiment, 42). It involves prescribed slewing maneuver of a reflector plate type antenna, attached to a flexible mast,
supported by the Space Shuttle. A specified librational motion of the Shuttle provides the desired slew motion to the
antenna, and the primary control task involves suppression of the resulting dynamics which may introduce error in the
antenna’s line-of-sight.

The general formulation is applied to assess dynamics of the SCOLE system through a parametric analysis, Such
a study of complex interactions between flexibility, slewing maneuver (8, roll; fa2, pitch) and libtrational motion (¥1,
roll; iz, pitch; Y3, yaw), revealed through coupling effects, 1s not only important during the preliminary structural design
but is also useful in planning of the control strategy. The classical infinite time lincar state feedback regulator, utilizing

thet'Shuttle’S primary and vernier thrusters, is designed to suppress the vibrations as well as control the Shuttle’s astitude
motion.

It should be noted from Fig. 20 that the SCOLE configuration involves the Orbiter based flexible truss structure
(mast) asymmetrically supporting a rigid reflector antenna at its end. The mast, located at the c.m. (G)) of the Shuttle,
is permitted to execute a controlled slewing maneuver about the attachraent point to the Shuttle. The truss, treated as an
uniform Eulerian beam, is also free to undergo transverse (Uay, Usy) as well as torsional (633) vibrations, represented by
the first mode (torsion) or the first three modes (bending), involving the damping effects. The mast's fundamental bending
frequencies, in pitch and roll directions, are 0,29 and 0.28 Hz, respectively, while that in torsion is 0.53 Hz. The effective
modal damping ratio of each degree of freedom is taken to be 0,003. The Shuttle is considered to be in a 5303 s circular

orbit corresponding to an altitude of 200 km. Other important propertics are selected to represent a realistic situation of
the SCOLE program :

. 1228600 0 197243
Orbiter (Body 1): mass(my) = 02,986 kg; inertia matrix(l;) = 0 9212160 0 kg-m?;
197243 0 9615840
Mast (Body 3): mass(mg) = 181kg; length(ls) = 39.62 m;

Reflector antenna (Body 5): mass(ms) = 181 kg;  diameter(ds) = 22.86 m;
¢.m. position with respect to Frame 5, (z51, 262, 283) = (5.72,9.91,0) m,
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Two types of maneuvers are considered here: (i} B3z — slewing maneuver, in the orbital plane of the mast through
20° from the nominal upright position at an average rate of 1°/s; (ii} f31 - slewing maneuver, out of the orbital plane,
of the mast through 20° at the same rate as above. The nominal trajectory of the mast slewing motion is characterized
by the acceleration to vary sinusoidally. %t leads to both velocity and acceleration to be zero at the initial and terminal
stages. This is desirable 1o minimize excitation of the flexible mast. Only a sample of representative results is presented
here. Further details and response analysis data are recorded in earlier publications |43-45],

6.1 Uncontrolled Response

The first item of the interest is to have some appreciation as to the effect of the mast flexibility on the ungontrolled
system response. Fig. 21 presents time histories of the libratio s | response, mast tip acceleration and line-of-sight error
corresponding to the desired direction for communication at . with respect to the local vert_ncal. .The ﬂexnple mast
is undergoing the manecuver corresponding to case (i), with the Shuttle free to undergo three-axis attitude motion. The
maneuver excites the uncontrolled librational motion that is unstable ir rell leading to a secular variation of the out-of-plane
line-of-sight error (€a1). It is apparent that the effect of flexibility on the line-of-sight error and the mast tip acceleration,
showing high frequency modulations, is indeed quite significant. Although the amplitude of modulations of the line of snghg
error is only 0.1° (¢s2, Fig. 21b), it is still undesirable as antenna pointing accuracy requires the error to bc.less than 0.02
in 20 5. On the other hand, the flexibility has virtually no effect on the attitude response because of their widely separated
frequencies.

A closer look at Fig. 21 is necessary to better appreciate complex interactions between flexibility and coupling. Note,
the line-of-sight error in pitch ftzz) shows hmit cycle oscillations about the equilibrium position of the flexible system which
are absent for the rigid case, It should be noted that altkough the mast is slewed in the orbital plane, both inplane (131}
and out-of-plane (i135) oscillations are excited leading to inplane {a31) and out-of-plane (asz) mast tip accelerations. In
fact, even the mast’s torsional degree of freedom was found to be present (Fig. 21a) because of the asymmetrical mounting
of the reflector. Thus the transverse and torsional degrees of freedom of the mast are strongly covpled. A difference in
the transverse vibrational frequencies of the mast, caused by the asymmetric mounting of the antenna plate, results in
a beat response with a period of around 36 s during the uncontrolled maneuver in pitch (Fig. 21b). Note, the mast tip
accelerations are significant (162 g). It may be of interest to point out that an carlier study without the plate antenna
showed the inplane and out-of-plane degrees of freedom (both librational and vibratonai) to be uncoupled (43}, Thus
asymmetric mounting of the antenna is a major cause of coupling.

6.2 Control Strategy: Infinite Time Optimal Linear Regulator

On linearizing about the zero equilibrium state, the original governing cquations of motion reduce to the nonau-
tonomous coupled set which ¢an be represented in the standard form as:
5=A3+B&
T
5= {27, )7; {4)
2 =M = {My;, My, My3}7;

where A, B are the system and control matrices, respectively, and @ is the control vector, consisting of the Shuttle’s 3-axis
control moments. Introducing a cost function to be minimized,

1 g
J=z ] Qs+ aTRaldt, (5)
0

the optimal control & is given by,
#(t) = R™'BTP3(t). (6)

The symmetric positive definite matrix P, based on the optimality principie, can be obtained by solving the algebraic
Ricatti equation,

ATP 4+ PA-PBR™!BTP +Q =0, (7
where, R, Q are positive definite and semidefinite symmetric weighting matrices, respectively.

6.3 Controlled Response

The primary control task is to rapidly change the line-of-sight of the antenna mast, attached to the Shuttle, and to
damp the induced structural vibrations for precise pointing of the antenna. Thus the objective is to minimize the time
required to slew and settle, until the antenna line-of-sight remains within z specified tolerance limit [42].

The first logical step is to illustrate effectiveness of the full state feedback optimal linear regulator, which employs a
set of Shuttle’s thrusters to produce three-axis torques. A controller is designed so as to provide additional damping to

the structural vibration through coupling while stabilizing the Shuttle attitude. Thus the lire-of-sight error, which s quite
susceptible to both the structural oscillations and attitude motion, can be reduced.

As against the carlier study, now the Shuttle is controlled to maintain the nomiral position. Thus the desired
line-of-sight is attained by slewing the mast in pitch (Fig. 22). The results demonstrate rather vividly effectiveness of
the controller. The attitude motion originally unstable in roll leading to the seculary varying out-of-plane line of sight
errors (Fig. 21a), regains stability. Undesirable mast vibrations are also significantly damped and the commanded antenna
direction is acquired in less than 5 ¢ after completion of the maneuver. Fig. 22¢ presents time histories of the Shuttle
control moments. It may be pointed out that the mavimum momante produced by the Shuttle thrust ‘
1.36x10° Nm as specified in the SCOLE design challenge 42].

Finally, an alternate way of attairing the linc-of-sight by pitching the Shuttle is examined. Here the desired antenna
gointing direction is acquired by pitching the Shottle, not through slewing of the mast. Results show that the two maneuvers

------ rt o d Ee
$T5 WOIE i€ o

slewing of the mast, Fig. 22; Shuttle pitch Fig. 23), though equivalent in terms of orienting the antenra, demand vastly
ifferent control moments. Note, in the present casc of inplane mancuver, the control moment in pitch for the mast slew
is about an order of magnitude smaller. This clearly suggests an enormous saving in control energy if the antenna 1s

positioned in a desired orientation through mast maneuvers rather than maneuveriag the Shuttle as suggested in the design
challenge.
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Figure 23 Plots showing the controlled response during the Shuttle pitch maneuver. Note the control moment in pitch is
nearly an order of magnitude higher.

7. SPACE STATION: A LARGE SCALE SYSTEM

The United States led space station Freedom is progressively moving towards the design and development phases
with its international partners (Canada, ESA and Japan) confirming the specific hardware elements they will provide. The
primary design requirements is to develop a versatile, expandable, permanent, manned facility for undertaking significant
advances in space science and technology. The Space Station will contain laboratories for rescarch in such areas as
communications, material processing and astrophysics. It will be used as a platform for satellite launch and repair as well

as assembly of space structures which may be too large, in terms of size or weight, to transport in their entirety by the
Space Shuttle.

The Space Station is planned to be assembled in orbit utilizing twenty Space Transportation System (STS) flights [46].
Fig. 24 presented carlier illustrates the Station configuration at the completion of the assembly sequence. The pressurized
modules (habitation, laboratory and logistics) will be located near the geometric centre of the spacecraft while the servicing

equipment will be placed along the power truss on either side of the clustered modules. Each end of the main truss will
support photovoltaic arrays which will deliver 75 kW of power.

Solar Arrays

Modules

(\ARARU S
T T
“\\\\\\\\\\\\\\\ A

Figure 24 A ic di i i i
4 lgggl.mmahc diagram of the proposed Space Station Freedom showing the baseline configuration as of August
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The first Space Shuttle flight, referred in the acronym form as MB-1, will deliver four truss bays of the power boom,
two of which are optboard of the articulating alpha joint (Fig. 25a?, which allows the photovoltaic solar arrays to track the
sun. Hardware delivered on this flight will also include a pair of sofar arrays providing 18.85 kW of power, a panel radiator,
2 RCS modules, fuel storage tanks for flight control and reboost, and limited avionics and communication equipment. Once
assembled, MB-1 will be a fully functional spacecraft awaiting the return of the second Shuttle flight to progress to the
next stage of the assembly sequence.

The second fight (MB-2, Fig. 25b) will deploy six more bays inboard of the alpha joint, a station radiator, six Control
Moment Gyros (CMG) for additional attitude control with a complete communications coverage provided by a TDRSS
antenna. A telerobotic servicer will extend support to Extra Vehicular Activity (EVA) of a crewman during assembly and
maintenance. Phase MB-3 (Fig. 25¢) will add the aft port node, a pressurized docking adapter and a standard airlock. These
clements will provide a base for deployment of the various modules for a permanently manned configuration (Fig. 25d), a

simplified model of which is considered here for dynamical investigation.

The finite clement procedure was applied to obtain the first forty sysiem modes of the above mentioned four con-
figurations. The First Element Launch consists of a 25 m long boom, 2 11.5 m long array radiator {both modelled as
beams) and a pair of solar panels (33 x 6 x 0.25 m) represented as plates. For the MB-2 model, the main truss is extended
to 55 meters and an additional station radiator ( 10 X 5 x 0.25 m} is attached to it. The transition from the MB-2 to
MB-3 configuration involves the incorporation of a lumped mass clement at the lower end of the main truss representing
the module support structure and the pressurized docking adapter (25,000 kg). Finally, the PMC configuration has a 105
meter main truss with a module cluster at its geometric centre (146,000 kg); a pair of array and station radiators located
at 40 m and 21 m from the truss center, respectively; and solar arrays near cach end of the truss. The frequency spectrums
for the beginning MB-1 stage and the final PMC stage are presented in Fig. 26. It is of interest to point out that there
are 31 modes {besides the rigid body modes) below 5 Hz for the MB-1 configuration! For example, the first elastic mode
represents the arrays’ fundamental bending (symmetric) at around 0.08 Hz, fio = 0.38 Hz is predominantly the array
second bending mode wilh the main truss in torsion. The main truss first bending mode occurs at fuo = 8.79 Hz. The
MB-1 case is the only sme where the main truss torsion frequencies (f10, f ,g} are below its fundamental bending frequency
g f10). For the PMC case both the length as well as the system weight have increased. This leads to more modes in a given
requency range. Now the lowest bending modes for the truss correspond to fiz =0.32 Hz and fz0 = 0.35 Hz.

Summarizing, it can be inferred that the appendages dominate the flexible dynamics and that modes involving their
pure motion are not significantly affected by the evolutionary character of the Space Station. However, growth of the main
truss and its interaction with the cluster of modules significantly affect the system modes as observed through the changes
in the truss bending frequencies.

Modi, Suleman and Ng have studied at length dynamics of the evolving space station using both system as well as
component modes. Results were presented at the recently held workshop organized by ESA [47]. However, to have better
appreciation of interactions between librational dynamics and flexibility let us focus attention on a relatively simple model
of the Space Station as shown in Fig, 27. Modi and Suleman [48] have examined the system response using the first seven
modes é‘ig. 28) through a numerical analysis of the governing nonlinear equations as well as an approximate analytical
approach leading to a closed form solution employing the variation of parameter method as proposed by Butanin [49).
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Figure 25 The Space Station Freedom’s assembly sequence
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Figure 28 The first seven vibrational frequencies and associated
system modes used in the analysis of the Space Sta-

H i
tion. wy = 0.9645 Hz

Figure 29 rhows response of the system when subjected to a pitch disturbance of 5°. The ensuing librational,
generalized coordinates associated with the vibrational response, as well as time histories of deflections at the upper tip of
the power boom and free end of the top left solar panel are presented. Only the response of t.he generalizqd cqordmates
P1, P2, and ps (icorresponding to the fundamental frequency fi, f2, and fs, respectively) is given as contribution of the
remaining coordinates was found to be several orders of magnitude smaller. For the inertia values used..the t.heoreucally
predicted pitch frequency equals 1.44 per orbit, which agrees quite well with the period of the planar libration, ¢. The
vibratory response is essentrally a modulation of the above character at the system's fundamental frequency. The librationai
motion is able to excite ps primarily because of the proximity of fs to the fourth harmonic 41y (Fig. 30). Note, the solar
panel tip deflection of 10~4g which may not be acceptable for microgravity experiments.

Figure 31 shows the effect of vibratory disturbance on the system response. The Station is disturbed mn its first two
modes with the maximum deflection (in each mode) equal to 2.5% of the power boom length. Note, the coupling effect lqads
to a substantial pitch motion (0.5° amplitude) modulated at the Station’s fundamental frequency. This, in turn, excites
tie vibratory response in ps due to its proximity to the fourth pitch harmonic as explained before. Furthermore, both
the power boom and panel tip deflections are also significantly increased (panel tip amplitude 4.25 m, boom tip deflection
0.84 m). This level of vibrations may prove to be an important factor in the design of a control system.

As seen in Figs. 20 and 31, both the fibrational and vibratiowal disturbances failed to induce a significant response in
P3s P4y Pey and py generalized coordinates. Hence the system was purposely excited in these degrecs of freedom to assess
their effect on the Station response. The system is subjected to the panel tip deflection of 0.625% of the boom length
in cach of the third, fourth, sixtk and seventh modes. Note, the toval tip deflection at cach panel is the same as before,
however, the system is now excited in different modes. The results are shown in Fig. 32. It is of interest to recognize
that now all the generalized coordinates are excited through coupling. A large amplitude pitch motion (1°) modulated
at high frequency may prove to be ~f concern. Similar high frequency modulations are also observed in P1s P2, and ps.
The beat-type respnse in the generalized coordinate ps may be due to the proximity of fg and the fifth harmonic of the
librational frequency. The results seem to suggest that, depending uoon the type of the disturbance, all the modes may be
excited thus making the design of the control system all the more difficult.

Accuracy of the approximate, variation of parameter method based, closed-form solution was checked by comparing
it with the numerical solution of the original nonlincar equations studied before. The comparison was carried out over a
wide range of system parameters and initial conditions. The analytical solution predicted the response with a surprising
degree of accuracy as indicated in the typical response plots presented in Figs. 33 and 34,

Figure 33 compares the analytical and numerical solutions when the system is subjected to a rather severe disturbance:
librational displacement through 5° plus a vibratory disturbance in the first and second modes corresponding to the panel
tip deflection of 5%. Note, there is virtually no difference between the two solutions. Even with the pitch disturbance
as larp~ a3 20° (Fig. 34) the correlation continues to be quite good. Although small differences in amplitude and phase
are not.ceable, for all practical purposes, at least in the preliminary design stage, the results are indced acceptable. The
results also suggest that, in most situations, the contribution of higher modas is likely to be quite small. Thus, the solution

promises tc be a useful tool in conducting parametric studies of such a complex system wi*h 2 considerable saving (around
70%} in the computational cost.
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8. SPACE STATION BASED TETHERED PAYLOAD

. As fiiscussed before, advent of the Space Shuttle and the proposed Space Station have presented a wide range of
ossibilities for space exploration and exploitation. One approach to this end is the concept of Tethered Satellite System
TSS, Fig.35). Pessible applications of the system cover a broad spectrum: (i) sophisticated scientific experiments aimed

at gravily gradient, magnetic, ionospheric, 2erothermodynamic and radio astronomy measurements; (iig deployment of
payloads into new orbits or retrieval of satellites for servicing; (iii) microgravity environment and manufacturing; (iv)
generation of electricity (electrodynamic tether); (v) power and cargo transfer; and many others.

T?ne vast potential of a tethered satellite system has led to many investigations concerning its dynamics during
operational (i.e., statu_mkeeping), deployment and retrieval phases. In its utmost generality the problem is quite challenging
as the system dynamics is governed by a set of ordinary and partial nonlinear, nonautonomous and coupled differential
equations that account for:

o three dimensional rigid body dynamics {librational motion) of the station and subsatellite;

¢ swinging inplane and out-of-plane motions of the tether of finite mass;

¢ offset of the tether attachment point from the space station’s centre of mass as well as controlled variations of it}
o transverse vibrations of the station;

o longitudinal and transverse vibrations of the tether;

s external forces due to acrodynamic drag and solar radiation cffects.

BOOM-TROLLEY

PACE
PLATFORM

TETHER, TENSION 7,

Tigure 35 A schematic diagram of the platforn based tethered satellite
system showing the boom-trolley arrangement to vary the offset
vector dp. Vanous forces acting on the system due to control are
also indicated. M,, Mg, and M, represent nondunensionalized
momentum wheel torques while 74, Ty, and 77, indicate the
thruster forces. Dyp, Dy,p, and D, are the three dimensional
time dependent offset components.

SUBSATELLITE

Over the years, investigators have attempted to obtain some insight into the the complex dynamics of the system using
a variety of models which have been summarized by Misra and Modi[50,51]. In general, the studies show that the dynamucs
of the system duzing deployment is stable, however, the retrieval dynamics is basically unstable. The system involves a
n-gative damping approximately proportional to I/l,.s, where ! and .y are the unstretched and reference tether lengths,
respectively, and prime denotes differentiation with respect to the true anomaly. This suggests a need for an active control
strategy, particularly to limit inplane (a% and out-of-plane (v;) swing (librational) motions of the tether. The pioneering
contribution that may help realize this objective is due to Rupp[52] who introduced a tension control law for the system.
Librational motion in the orbital plane was analyzed and the growth of pitch oscillations during the retricval phase noted.
The system was further studied in detail by Baker and others(53| taking into consideration the three dimensional character
of the dynamucs and the acrodynamic drag in a rotating atmosphere. Several more sophisticated models have followed
since[54], however, one of the major conclusions of all the analyses remains essentially the same. even when the various
tension control schemes are used, large amplitude motion can result under certain conditions, particularly during retrieval,
which may not be acceptable.

One of the major limutations of the tether tension control is its dependence on the gravity gradient which is governed
by the tether length. ilence for a small flexible librating tether, the tension may be quite small or even negative, i.c., the
tether may become slack. This can be avoided by introducing thrusters[55,56], however, their firing in the vicinity of the
shuttle or the space station is considered undesirable due to plume impingement, safety and other consideravions. The
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problem is further compilcated by the fact that any offset between the tether attachment point and the station’s centre of
mass imposes additional moments on the station. Thus, the dynamics of the station is intrinsically coupled to that of the
tether.

A vast array of linea* and nonlinear control strategies using tension and/or thrusters have also been reviewed by Misra
and Modi [50,51; contain 67 and 97 references, respectively]. Modi et al. have introduced a new approach to the control
through regulated motion of the tether attachment point, tested its performance using a realistic mathematical model(57-
64], assessed its relative merit with reference to other control strategies[65] and substantiated the conceptual validity with
a ground based experiment [66]. They have reviewed this literature at some length particularly with an emphasis on the
offset control strategy[67; contains 23 references]. The offset control technique is similar to the act of balancing a rod
on the palm of one’s hand. As can be expected, for a given angular disturbance, the motion required at the point of
attachment of the tether would grow proportional to the length of the tether. To assess the controller’s performance,
Modi et al. purposely considered demanding platform inertias, severe initial conditions and rapid retrieval rates, Table 1
compares relative performance of the three control strategies during deployment, stationkeeping and retrieval. As can be
expected, the strength of the offset control lies at shorter tether lengths, wherte tension and thruster control approaches
have limitations. Thus a hybrid control strategy, initially utilizing tension or thruster control with switch over to the offset
control at an appropriate length, appears quite attractive as indicated in the Table.

9. CONCLUDING COMMENTS
Let me close with a few general remarks concerning desirable directions for future efforts:

(i) 1t is apparent that there is a rich body of literature in the area of attitude dynamics and control. With the success
of the Space Shuttle and the U.S. commitment to an operational Space Station by the end of this century, we may
soon see spacecraft ranging from a few meters to several hundred meters in size. For such large scale flexible systems
influence of the environmental forces will be necessarily significant, particularly with a trend towards higher pointing
accuracy. Dynamics and control of flexible spacecraft in the presence of environmenta! forces remains 2 field that has

received relatively little attention. Note, in general, flexibility interacts with the environmental forces as well as the
control system while the latter two affect the flexible configuration. Thus the problem is inherently conjugate and
should be treated as such.

The entire field is wide open to innovative contributions. Dynamics and control of such nonlinear, nonautonomous and
coupled systems accounting for joint conditions, damping, external and internal nonconservative disturbances, ete.,
remain virtually untouched. Development of alogorithms to predict the effect of mass, inertia, damping, environmental
input, <}ztc., on the dynamics and control parameters represents an exciting challenge for all, young as well as established
researchers.

(i1} With several relatively general formulations in hand and the programs operational, coordinated efforts should be
made to develop a comprehensive data bank for spacecraft attitude dynamics and control. This should provide design
charts over a wide rauge of system parameters and control strategies. Not only will it prove useful to design engineers
involved in planning of future scientific, communications and other applied technology satellites but will also help in
assessing dynamical, stability and control considerations associated with the time dependent evolving structures such
as the Space Shuttle based rontruction of the proposed Space Station.

(ui) As generai approach to the problem gets well established, details should beg:n to receive more attention, e.g , quasi-
steady, discrete or continuous representation of elastic appendages. modes to be used and their number from accuracy
and computational considerations, robustness of control, step-size and numerical stability, etc.

(iv) So far, complex character of the problem has limited most analyses to small deformations and librations. Studies
aimed at dynamic response, stability and control in the large are, of course, formidable but promise to be cqually
exciting and rewarding.

(v) There are two classes of problems which have already received some attention and their importance promiscs to increase
in future:

Space Robotics: The Mobile Servicing System (MSS) or the space manipulator will be involved in all phases of the
Space Station - construction, operation, maintenance, and future extension, However, as aganst the ground based
robots, here we are faced with a problem of higher order of complexity. It invioves dynamics and control of a flexible
manipulator, supportiag a flexible payload, freely traversing an orbiting flexible platform. Its operation in the presence
of environmental forces would only accentuate the challenge. This represents an entirely new class of problems not
cencountered before. Although a promising begining has been riade({43-45,68,69], there is a long way to go.

Tethered Systems: With reference to the proposed Space Station Freedom, all the participating agencies have shown
interest in the tethered supported facilitics aimed at a variety of missions. Recognizing the highly flexible character of
the Statior, the problem of dynamics and control of the Space Station based tethered facility attains the challenge of
a higher magn;tude then that encountered or studied so far. Modi and Misra[50,51,56-64] have initiated investigations
in that arca, Fowever, eventually one will have to mahe the models more sophisticated to account for station, tether
and payload flaxibility. Influence of free molecular reaction forces, solar radiation induced heating and clectromagnetic
forces for conc.ucting tethers will have to be incorporated relaistically. This class of problems has remained virtually
untouched so far.

A new category of problems involving tether supported systems of three, four or more bodies is also receiving some
attention lately. The objectives are quite varied ranging from simultaneous sounding of the environment at several
altitudes to communication antenna, payload transfer and microgravity control. This represents a fertile field of
considerable practical significance and promise.

(vi) Finally, and perhaps most importantly, we urgently need carefully planned ground and space based experiments to
validate and improve literally hundreds of algorthms aimed at flexible multibody attiu?de dynamics l:md control.
Apparently, thcre: are endless challenges, ard so are the efforts needed to meet them. The ancient S& 5 described
knpwl;:dge as a tiny island surrounded by a vast ocean of ignorance. Like any process of inquiry, philosophical or
scientific, no matter how far we advance, we will always be on .he shores of an uncharted ocean. But then, a journey
fulfills itself in every step. The cnd lies in the effort itself, Beyond that there are no permanent results.
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Table 1 Relative efforts duning stationkeeping, deployment and retrieval for the three control strategies. Hybrid control

demands are also included.

Case Configuration Tension Thruster Offset
Reference Case 169.3 Ns, 180.6 J 87.1 Ns, 503.2 J 229 Ns, 444.1
Pg/Ps=2 174.3 Ns, 502.7 J 97.2 Ns, 5254 ] 25.1 Ns, 467.4 3
Stationkeeping 1000 m 190.2 Ns, 518.2 J 166.6 Ns, 556.3 J 42.3 Ns, 450.3 3
pe= 1 X107 kg/m 1814 Ns, 542.1J 159.2 Ns, 560.7 J 56.9 Ns, 451.3 J
m, = 500 kg, 190.1 Ns, 546.7 J 163.9 Ns, 569.6 J 57.1 Ns, 469.1 J
Deployment
0,37 orbit 184.1 Ns, 513.5 & 159.7 Ns, 560.8 J 414 Ns, 450.1 J
10 m - 1000 m
1 orbit 1656.9 Ns, 546.5 J 1453.3 Ns, 573.9 J 385.0 Ns, 469.3 J
Retrieval 0.68 orbit 1701.1 Ns, 555.8 J 1510.5 Ns, 594.7 J 495.7 Ns, 475.6 J
100 m - 10m 0.37 orbit 17819 Ns, 5814 J 1583.4 Ns, 609.8 J 585.3 Ns, 490.8 J
Retrieval
0.37 orbit 6501.1 Ns, 641.1 J 6076.1 Ns, 649.2 J 10621.1 Ns, 509.3 J*
1000 m -~ 10 m
Hybrid Control 0.37 orbit 3903.5 N3, 312.9 3 503.7 Ns, 208.4 J
Retrieval tension/offset
1000 m ~ 10 m 0.37 orbit 2623.1 Ns, 280.6 J 525.5 Ns, 218.3 J
thruster/offset

* Retrieval in one orbit with the initial tether disturbance reduced to a{0} == % (0) = 1°.

P4, Pp sides of the Space Station represented as a rectangular plate
) mass of the tether per unit length
m, mass of the satellite
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by
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SUMMARY

This paper describes models of the spin axis of a spacecraft movang in sub-equatorial
orbit in a relatively dense atmosphere, and under non negligeable gravity gradient and
magnetic torque. These drift models have been used in the design of the San Marco 5Sth
“Utafiti" aeronomy satellate for obtaining the most stable pointing condition and,
also, for the refinement of the attitude measurements of the same spacecraft. The method
of fitting is described and some results shown.

INTRODUCTION
SAN MARCO PROJECT (Co-operation University of Rome "La Sapienza” And Italian Air-Ferce)

The San Marco Project, wich was formalized on May 3J1, 1962, is part of NAGA's
anternatiocnal cooperative program. The objyective of this program is to pursue space
research with the participatory country for the mutual benefit of both by entering into
joint scientific programs wherean contributions of gpace research systems, including
their cost and management responsibilities, are shared mutually. NASA's international
activities are planned to provide opportunities for the participation of scientist and
agencies of other countries in the task of increasing mankind’'s understanding and use
of the spatial environment. The activities follow guidelines wich establish a basis for
sound programs of mutual value and contribute to the objectives of 1international
cooperation,
A number of highly qualified University personnel belonging to the Italian ARir-Force and
to the National Council for Research are co-operating with the named San Marco Project
in @

a. spacecraft design, construction, integration and tests;

b. range management, logistics, operation;

c. rocket assembly, check-ocut and launch operations;

d. ground station operation, mission control and date managoement.

The San Marco Project 1s based on the Scout vehicle system and on the Kenya Equatorial
Range, located at Ngomeny bay, {( 2.9383% south latitude , 40.2125 east longitude } close
to Malandi country. This site allows launches in a wide anqular range from the equator
to the pole and in particularly effective for low equatorial orbits. In the same site is
located the San Marco Ground Station for Command and Telemetry in VHF, L, S, and X
Bands.

SAN MARCOD Sth SPACECRAFT

The San Marco 5th spacecraft (fig. 1) is an aeronomy satellite which was launched in a
low nearly equatorial orbit (262 km perigee at B.0.L.., 2,9 degrees inclination) and was
oparative down to altitudes lower than 150 km. During this lifetime period an attitude
determination better than 0.2 degrees accuracy was needed., Due to the low altitude a
reldévant aerodynamic torque is acting on the spacecraft, together with an also non
negligeable gravity gradient torque (due to the presunce of very long "cable booms"” in
the equatorial plane of the gpacecraft). Under the action of these torques, the spin
axis drift was nothing but negligeable. It is not therefore possible improving the
original quality of the attitude determination (based on horizon and sun sensors) by
simple averaging or other statistical procedure, without a drift model of the spin axis
under the combined action of the gravity gradient, magnetic and anrodynamic torques.

The equations of the spin axis motion, linearized in the vicinity of the nominal
pointing direction, have been solved in a closed form under the hypothesis of constant
MmagneriC anu Qravity grasient torque anu variable aerogynamic torque. Jhe esolution
procedure has been based on appropriate changes of the reference system in such a way of
having the " null torque " axis (or torque node) with the minimum variability with
regspect to the reference itself,

The torque node position has been algso a major consideration in the design of the spa-
cecraft, whose nominal pointing had to be the orbit anti-pole. The motion is basically
a perturbvated cone around the torque node. The approximated closed form solution,
obtained in this way, has been used as an interpolation function for interpolating the
experimental attitude points.
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The paper will present the model and the results of its application to the attitude
determination problem. From a theoretical point of view, the origin of the prublems of
the class described above can be traced back to the beginning of the space era and have
been the object of many studies since then (Ref 3, 2, 8). The present application 1s

characterized by the original closed form solution in the reference most suiled xo the
interpolation requirements.

LINEAR DRIFT MODELS

Consider a gyroscopic spinning spacecraft with spin axis K; the drifts motion in the
inertial reference under a torque M can always be described by; ( Ref. % )

dy

=yAH
dt

where ¥ is the moment of momentum Unit Vector

1
and He — (MAYy) + 2y
r

I = Moment of momentum absolute value
z = arbitrary constant

For particular torques M, the H vector is independent on ¥. In this case the drift is
“linear" and as a consequence the drift equation can be easily solved. This is for
ingtance the case of the average magnetic torque (Ref. 1, 2, 3, 4) due to a constant
intrinsic magnetic dipole. The gravity gradient torque, in general, 15 non linear (Ref.
1, 4 ) but for slightly variable attitudes it can be easily linearized. Also the
agrodynamic torque can be linearized (see Appendix 1). So the eq. (1) can be used for
the motion under the combined action of the three torques under the said hypotheses,
which are, by the way, appropriate to the spacecraft under consideration. In addition
the three considered torgues, under the said hypotheses, are conservative, 0 the
precession angle and the spin rate are bound to be constant (Ref. 1, 4),

So, if the motion is initially a pure spin, we have:

y 8 K ( spin axis unit vector ) and I = Cr = cost
( C = inertia moment around K, r = spin velocxty )

the equation wraites then:

dK
(1) —— KAH
dt

If the vector H is constant, the drift motion reduces to a cone around H, at a rate [H|.
In the general ctase H is not constant in absolute value and in direction. For taking
into account the modulus variations, we can wasily refer to a modified variable :

t
q:lw dt

and to the unit vector h=HY/ |Hl s+ 50 we have

dK
(1" ) w3 Kah
dn

1t H is not constant in darection we may change the reference from the inertial to
another, movable with respect to the inertial at rate w

The ( 1’ ) becomes, in the new reference 1@

K+twaK 2 KAH
that is

(17773 K= KA(H+w) = KAH'

where K is the derivative in the mobile reference . We see that the equation has the
same form as the original one, the only difference in that M iz raplaced by:

H = Hew

By an appropriate choice of the mobile reference (and therefore ot w } we can try to
reduce the variability of the H direction. If, at the end, we succewd in having H° con-
stant in direction, the drift is reduced to a coning around H' (in the mobile refe-
rence, of course), The change of reference can be appliec in sequence As many tinmes it
is desired; most of the times it is not easy to arrive toc H' ¥ const, i{n direction, but
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it is always possible to obtain H' movable only over a ceoordinate plane. In this case
it is possible to obtain a solution in iterative form in two important caeses, namely:

(Ref. 5 )
i) when the motion of the node is " slow " with respect to the coning periodj
ii) when the max angular dispacement of the node is “small” with respect to the cone

aperture .

For our spacecraft we have the situation of cage ( ii ). The theory of ( Ref. 3 ) has
theretfore been applied, as described in appendix 2.

THE INTERPOLATICON OF THE ATTITUDE DATE

The theory of appendix 2 brings to the model:

Xn ® Acos (D+wh) +YcosW -(BetyWn) sinlo
Yn = A8in (W+wn) +ysind +HButywn) cos W ~a
Dew+ W
The Xw, Yn are the component of the spin axis unit vector in the "nodal reference” (Xn
along the orbit ascending node, 2Zn to the geographic North), «w is the argument of
perigee, y is a small "asymmetry" angle, ¢ is a small parameter depending wupon the

perigee density variation with taime, a is a gsmall parameter depending upon the
gravity gradient, and finally
Wh B Wh (- ts)

is an angle linearly varying with time. The rate W, depends upon the perturbing
torques, and mostly upon the gravity gradient and the magnetic torque. The & angle 1is
related to the arplitude of the coning around the torque node, and depends upon the
initial conditions. Among all these parameters aonly a can be evaluated "a priori” with
fairly good accuracy, W is in addition known from the orbital ephemerides. We will

therefore consider a and w known and we will try to evaluate the other parameters by
fitting the experimental data. It is however convenient to fit the quantities:

Dy = Xn COSW™* (Yn + a)S2nw = Bcos(Wnt WI+§ —(Bat § wn)

Dz = ~Xn sinw+ (Yn + a)Cosws dsin(Wnt Y)+{(BatPwnl+ ¥
in place of the original Xn, Ywn.
Since ¥ and W are "small quantities” and & and fl. fanite quantities, D, 15 mostly
a cosine curve, slightly perturbed by a small linear term, Dz is a sinusoid with the
origin shifted of the B« value plus a small linear perturbing term.
We may now consider two cases, namely:
i) the internolation is made over short period of times, such as to have a very small

variation of wn with respect to its central value (:a. In thi1s case we have, by
aexpanding the trig nometric functions in Taylor series:

Dy ™ a3 + bi(t = te) + Ca(t = te)?2 + ...

Dz ™ as + balt = ta) + calt = to)? + ...,

a1 = (8cCosSWe +4 =¥, ~Y Ywe)
by = = AWwnsinw,

G, = = (A Wnrtcoswe)/2

[ 12 % Asinwg +Bs +Ywq
bz 2 (4 coswe "7),‘;":\

cz = - (A Wrisinwe)/2

By a parabolic fitting of the experimental data we can therefore cbtain the six
coefticients a,, .., Ci, 82, bu, Coz.

1i)The interpolation period is not 38 amall as in the previuos cese, so that the ftull
trigonometric formulas shali be retained, It is however still possible to consider
constant the A, Bas %y 5 Wn parameters .
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In this case a least sguarc fitting can be obtainec by the following procedure:
a) assume for W an initial gudrss;
b} minimize the cost functional:

te
1= J‘IA*B‘* Cecos Wnt- Dsinwnt- Di(t) |2+ [A"+B ¢+ Csinwnt+ DeosWnt -Da(t)]iet

to
where A, A', B, B, C, D are the unknown constants, related to the parameters
of the physical model by the relationships:

A= &~ Yo
Atm By + Wy
B= -y wny
B'ay W

Notice that, since we have only three physical constants (B«, y ¥ ) against
the four coefficients A, A‘,B, B, the problem shall be " intended as a
"conditional minimum"., The conventional method of the Lagrange multipliers
brings in this case to non linear algebraic equations., This is the reason why an
iterative procedure (based on the assumption W « 1) has been prefered for the
solution (Appendix 3)3

c) compute I = § (Wn), that 1s the the relative minimum of I for the given U/n;

d) search for the absclute mininum of " I by varyirq the Wn.

RESULTS AND DISCUSSION

Fig. (2, 3) show the experimental ar<itude points (days of the 1988 vyear from 114 to
163), in the vernal and in the “nodal reference". Fig. (4, 95, &, 7) are the
corresponding parabolic fittings of Di, Pn over the periods 114-139 and 139-163.
Fig.(8, 9) are the fittings nver the whole period by means of the trigonometric
formulas. The mean square errd+ is abov: 4 hundredtis of degree for the two parabolic
fittings, a little more { = 4.3 bhunsredths) for the trigonometric fitting. The max
individual deviation of the experimental points of the set is about +- 0.2 degrees,
Table ! gaives the coefficients of the fitting. It may be interesting to compare the
parabolic and the trigonometri. fitt.rgs: Fig. (10, 11).

Tabie 1
TRIGONSMETRIC FITTING COEFFICIENTS, Farst period
A ARR(MO B BPRIMO c D

0.0024491 0.0404473 0.000t0156 =0.0001380 -0.0265281 =-0.02453701

BSTAR GAMMA r81 [slys] DELTA oMpP
0.0404127 0.0029277 0.011841s 3.8886907 0.0361884 -2.70
Cost index I
0.0000463

We see certain discrepancies whose qualitative behaviour indicates variability of the
perameters during the fitting period and could be desc-ibed by a positive shift of the
wn. angle 1in the period 114 to 139, and & negative one in the remaining. Now, day 139
corrisponds approximat=ly to the min. of the diurnal density bulge located at the
perigee, that is to a local asymmetry angla ‘¥ = O,
We should bhave therefore negative in the first half of the period and positive in
the second half, (instead cf 1 constant and almost null value as gaven by the W =
const. fitting). This evidenues that the ¥ variations due to the density bulge have a
detactable effect, and that an improvement ot the fitting could be obtained by
modaling this feature a variabiliily of Wk and wa could however also depend upon
indused magnetic dipole and/or non -dinear efrtects in aerodynamic torque).
Table I, 1III, 1V are giving the co2 ficients of the trigonometric fittings for
different time periocds. 1In gach one ot these periods the spacecratt is drifting freely
{whilst, in between, correctiovn mancuvers tnok place, with a consequent change in wh

and & ).

N Table I1
TRIGONOMEIRIC FITTING CCEFFICIENTS, 24 period

- ] APRIMO 8 BPRIMO c D
2 0.0077129 0.0373237 0.0000006 0.000002% -0.0147464 -0,0325278
£ BSTAR GAMMA PS1 oMD DELTA oMpP
g 0.0373006 ~0.0000817 ~0.2089327 4.2867341 0.03%7144 ~2.,00
¥ Cost index I
7 0.0000299
t}x

i
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Table II1l
TRIGONOMETRIC FITTING COEFFICIENTS, 3., period
A APRIMOD B BPRIMD c D
0.0089488 0.0495719 ~0.00000056 -0.0000033 -0.0445372 -0.0090789
BSTAR GAMMA PS1 oMo DELTA onp
0.0454868 0.0000951 ~0.178183%5 -0.2010952 0.0454532 -2.00
Cost index 1
0.000016S
Table IV
TRIGONGMETRIC FITTING COEFFICIENTS, 4.n period
A APRIMO B BPRIMO [ D
0.0192404 0.0821213 0.0000016 0.0000069 -0.0128541 -0.0798385
BSTAR GAMMA PS1 OMD DELTA omMp
0.0820851 =0.0001532 -0.2362612 4.5527580 0.0808666 ~2.60
Cost index I
0.0005424

On the contrary continuity should be obtained in w,, B =B«+yYwWn. Fig. (12) shows the
W, and B behaviour. W, is ~2.7 degrees/day in the first period, 2.0 degress/day
in the second period and third, =~2.6 degrees/day in the fourth perigd. Notice that
W~ 1is the small difference of relatively large terms, and that ¥ 15 one of the
contribution (which has been neglected) this can explain the relatively large Wn
discontinuity . A discontinuity is observed also in the aerodynamic parameter f3.
An overall increasing trend can be noticed, and this 1s a 1little larger, but
qualitatively in agreement with, for instance, the corresponding variation of the drag
parameter of the orbit decay as given by the NORAD tracking elements (Fig. 13).
Fig. 14 shows actual perigee force data during the first period, compared with the
computed 8. We see that the hypothesis of linear variation is actually far from reality
and that we cannot expect improvements beyond the obtained accuracy without
substantially improving the density model.

CONCLUSIONS

The fitting of the experimental data with the closed form model inm the appropriate
reference system made 1t possible to buily smooth interpolated attitudes with r.m.s. and
local deviations compatible with the experimentes requirements, It made also possible to
understand the type of motion and its phys:ical causes, although the detailed analysis of
the parameters evidenced that some of the hypotheses, shall be revised if a bhetter
internal consistency is desired. In particular a density model incorporating at least
the bulge effects should be used.
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APPENDIX 1
THE MODELS OF THE ACTING TORQUES

The torques acting on the spacecraft can be modeled as 1t follows: (Ref. 1, 2, I, 4)

Gravity gradient (orbital average)

A~-1) Mo = ~Crwg(kAan)
k = spin axis unit vector; n = orbit normal unit vector;
C-A pi{i-e?)3/=
up¥ = (3/2) we' - —— - (k.N); Wes = H
Cr p3
y = planetary constant; orbit parameter;
C= min inertia moment of £/t  (B=sA);

orbit excentricity;
(k.n) * -1 for slightly variable
(the anti-pole of the orbit)

spin velocity;

[}
max inertia moment of s/cj; A
-
K (linearization hypotesis) arcund the nominal position

~unun

Magnetic torgue (orbital and dayly average)

A=-2) Mm > = Crwak AL{3/2)(cos 1)n-%N]

=2

Vou He(i-e™)

W - cos Ij; Hox = On board magn. dipole along spin axis;
p=Cr

s = earth magnetic dipole; e = orbit excentricity;

1 = orbit inclination; 1 = magnetic earth axis inclination;

N = geographic north unit vector.

Aerodinamic torque

The geometry of the spacecraft is mostly axisymmetric, with only minor surfaces with
polygonal symmetry (the four anertial booms, the four cable booms) or asymmetric. The
spin arouncg the axis of gsymmetry 15, on the other hand, producing a complete axisymmetry
for what i1s concerning the average draifting action. In these conditions the aerodynamic
force passes necessaryly through a point of the axis of symmetry {(ihe center of pressure
C.P.), where, on well balanced spacecraft, also the center of gravity (C.G.) 1s laying.
In the hypothesis of Ref. &, the force is also a pure drag, directed opposite to the
spacecraft velocity relative to the atmosphere. This cannot be very different from the
inertial velocity.

The instantaneous torgue expression s then:

M = (2/2)Cp p V=Sd(k A V)

where S 1s the surface normal to the wind, k the spin axis unit vector, v the velocity
unit vector, P the local density, V the velocity and Co a drag coefficient (generally
close to the value Cp = 2). The "d"” factor is the CP-CG measured along the symmetry
axis.

S and d are generally variable with the incidence a (sina = k-v). For a sphere we have
however S = S, =const, d = d. = const. For a body with "center” (Ref 9) (for ainstance a
cylinder) we have de = const, S = S{a).

In the case of San Marco 3, the body s pratically a sphere plus two small cylinders at
the top and bottom, both equal and centered with respect to the sphere. The C.G. of the
body is slightly down with respect to the center of the configuration above, so four
winglets are attached to the bottom cylinder for lowering the overall C.P.

We have then:

S:d = [S, + Sicosa + Sblsinalld. + S.cosa-d.
where S, is the cross section of the sphere, S: the area of the two cylinders projected
normal to the axis, S, the base area of the cylinders, S., the projected area of the
winglets, d.. the distance of the winglets from the CG, da the excentricity of the main
body, a the “incidence”: sina = k.v.
in our case it is now
Su/({Se+S:) = 5:/S5a = ( sina ) £ 0,1,
SO we may put:

Sy T (S:+4S5,)0utS.8. * Sedo = cOnhst

Pk A S
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within less ten 1% of Sadin the whole field of the possible incidei.zes. The body can be
therefore considered as an excentric sphere as far as the drift model is concerned. The
corresponding torgque 1s conservative and can be averaged as it follows (Ref. 5):

A-3) Ma = -Cr Wa(k AD)
n aAP;
P cos¥+ sinW(nAP) > P + ¥W(nAaP); (v <<1)
"modified" perigee unit vector;
perigee unit vector;
* ne fo Va*Sd/Cr; {Co =2)
density at the perigee;
velocity at the perigee;
s/¢ surface normal to the wind;
CP/CG excentricity (computed alomg k)3

» Wuan

o £- 0 VWA

[
nunun

\
\
awc

/4 (1-e® )32
»
/ 1 14e

1,,15 Modified Bessel functions;
’s A ep
= ———
(1+e)Hp
Fig. A-1 Hp = densaty scale height at perigee.

exp(=A(I.(A)+elo(A)];

The G unit vector refers to the resultant of the aerodynamic force in one orbit. For a
keplerian orbit and for a density profile depending only upon the altitude, @ shouid be
coincident with Q, the normal to the perigee direction P.

This is not however the case, mostly because of the diurnal density bulge, which is
shifting P with respect to P in the direction of the sun. This is taken into account by
introducing an T"asaimmetry angle” ¥ , which reflects this bulge effect, together w:ith
other possitle asimmetries (perigee precession, decay, etc.).

Solar torque

From the effected analysis, solar torque effects could not be detected.

Induced magnetic torgue

No impertant ferromagnetic masses are present on board, so this torque shall be very
minor, and its effects are in any case difficult to be separed from the intrinsic dipele
torque. 1t has therefore been neglectro in the present model.

APPENDIX 2

EQUATIONS OF MOTION AND DRIFT MODELS

1) Egquations
In the inertial reference (or vernal reference 4, A, N, 4= vernal equinox,
N = North unait vecto.)
dk
A=4) — = (Mat+Mg+Ma)/Cr
dt

Let us consider a first rotating reference v, p, N (nodal reference):

V = ascending node unit vector N T
N = geographic North unit vector

tid
In this frame let us consider

nT 2 (0, -sin i, cos i) orbit normal
i = orbit inclination measured
clockwise from n Lo N

T = (0, sin a, cos a)
a measured clockwise from N to 7

This frame rotates with velocity (in.N) around N ’///
Y

(2 = node advance rate (negative)).
The drift equation in this reference is Fig. A~2

A=5) K 2 cKAL{Wet(3/2)c08 LWmln + (=fn={1/2) WnlN+WL0)

Lo Mgty . G 1y
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We put:

~

(Wo+(3/2)€05 2 Walh +(~n=(3/2)W )N & W L7
We = [~An=(2/2) Wat(Wo+(3/2) Wacos 1)cos 118

(Wo+(3/2) W.cos i)* sin®i
{1+

[-0n=(*/2) Dot (Wor(3/2)W cos i)cos il?

A-5) o & =flpd Wt Wy for i << 1

(Wo*(3/2)Wacos i)sin i

sina = -

W,
cosa > 1

T > {0, sin a, cos a)

and we rewrite the equation:

A=7) K = kA [ War+t @01 (in the nodal reference y , u, N

Let us now consider a second reference P’ ,0°,7 (modified orbital reference):

Q= (11\5)/'1/\5] P = modified perigee unit vector

A-8) (see Appendix 1)
|20 a'mnT

L]

Thas reference rotat_es at a speed which, at the first order in i, (1+a) is.\:\ln > c:"l',

with: W= was y W= rate of varxation of the argument of perigee,
variation of the “asymmetry” parameter.
The drift equation in this reference is therefore
A-9) K % =k AL Wt Wal= WT] T ~K A (( Wam D+ € Crn)T+00a0" )
where £ is defined by
A-10) G=04+¢7
and it 1s
A-11) €™ (i+a)cosio <K}
We define now:
. . . wat /2
A-12) Wn = (W, - Wl [1+ - ____]
(.- Wergw,)=

I1{ we consider w. small of the first order with respect to Ww. -“'u‘;,
terms in Ww. are of the 2° order and therefore
A=13) Wh ¥ = (At D)+ b g
We define in addition

Wa

sinfl & - cosfl ¥ %
Wy,

A-14) hT = (0, - sinf}, cosB)

B << 1
and the equation becomes

A-15) K = =ka wWnh in the modified orbital reference

In scalar form
r.
X = = Wply cosfl + 2 sanf)

A~16) = + W, x cosfl kKT & (x%,y,2)

~-

= + Wph x sinf

Ne

f represents the eflects of the aerodynamic drag.

V= rate of

the corrective

(P, 0", 7).
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2) Ihp grift models.

2 may build models corresponding to various hypotesis on the drag:

i) No _draq 8 = 0. In this case the integration of 1) gives
% = sind corWn Wh T Who * Wnit-ta)
A-17) y = sind sinw,

z = cosd = const
where x, y, z are the components of k in the P*, @', 71 reference.Ais an angle depending
upon the initial conditions. The motion is a cone of constant aperture & , swept at
constant angular rate w,.

ii) Constant drag 8 = const.
In this case Eq. A-16 integrates as:

x = sinB cos w,,

A=-18) y = ~cos A sinfi+ cosf sind sinw,

2z = cosBcosf+ sinf sind sin Wi,
when <<, sin 8 <<1, cosB > -1 (as in our case),
we may refer to A= = -0 <1 and use the

linearised form:

x > Acoswn

A-19) y * Asinwn+ 8
zZ > -1+ BOSIPW (B +A?)/2 > =1 Fig. A-3
at the tirst order. The motion is again a cone of constant aperture a3 s, but arocund

hT = (0, =B, 1-B*/z) > (O, =B, 1)

111) Variable drag.
In this case from €q. 1 we obtain the sclving equation in x:
A=21) B (x"4+x)" = B"(x"+x)=(B")Zx’

d 3 -4
where (") =

[ T I wn <14

We can solve exactly the case f° = const and approximately the case of general
variability of B at a very small rate.
3-1) Linearly variabl . In this case we put B° = const = ¥ and obtain:

x"+x(i+¥ *) = const = b(i+y*)

% = b+ a Coskw,, 2
A=-22) k= (l+7*)

y cosfi+ z sinBB = ak sink w, .

wn E Who *Wh(t-ts)
XT4y2422 = §

a and C are not indipendent. From the first two relationship we obtain in fact:

y cosfi+z sanfl

2
(x=b)"+ { ] = a* and, by derivation with respect to Wn:

3

ry cosf+ 2 sinf 1r y ' cosf+ z°sinf y sin8- z cosB

“n

1
k i k d k )"

that is also, by recalling the original equations A-16):

Plu~hiv’ie 2

2%’ x y sinfl~ z cosfl
A-23) 2XX°=2DX "= —— [... - ] =0 which give
k 3 k

it Tl e

s




16-10

y sinl- z cosB = ~§ x+bk?/} by using this equation and the second of Eq. A-16 we get:
y = =(y x~bki/y )sinfl~x’cosf

A-24)
z = (4 x-bk?/% )cosB~x"sinB

If we now apply the x*+y*+2* = 1 we obtain the necessary condition:

x2+x’2e(p x=bk2/Y )2 = 1 With some algebra we obtain:

1 22
A-25) b= =¥l — -a
-

which 1is the necessary relationship between a and b. The constants a and wne are then
obtained from the initial conditions. In the practical case of very small B°'= ¥ <<1 we
have, at the first order k*i, and we may put also:

a=sind
A-26) { -
b > -¥cosd and therefore
x > -xccsz +sinB cos wn
A~27) y > sind (sinw .cosf-y ccswnsinﬂ)-cosK sinf} <1

z * cosB cosB+ sind (sin w,.sinB+ ¥ coswancosB)

When also san <<1, :osE >-1 (our specific case)
sinfi <<%, cosfl > 1
We refer to d=n -K and we use the linearized form:
x *Y+Acoswn Wn T Whot Walt=te)
j’ <<1
A=-28) y ¥ fi+ 4sinw, A = flo +y W, sina <<1
sinfl  <<1i

z ¥ ~1+APsinw.t Dcoswa+ A2/=+ B*/72 > =1

The instantaneous motion i1s still a cone of aperture & around

Byt
a-29) hTE | =y, =B, -1+ =+ = | > (-, -B, -1)
2

Since B = B +ywn = (o +¥Wnnl+y Walt~to), the axis of the cone moves linearly
parallel to the y axis.

iii-b) f_arbatrarly variable, (7<<1. 1In this case from the solving equation A=-21]} we

A-30) XU+x % by << b, = const and we easely derive:
Wi
A=31) x = a;cosw,abxj B {A)sin(wn=- A)dga
0
where a, and b, are contant and wa. =Waa+Wa(t~ta). (lterations of the solution above
are aiso feasible for larger values of 7). If 2 =const we have also:
A=32) X B (3:-b18°)cosSwn+b;" = bracoswa

which therefore is coincident with the expression of the previous paragraph for k2 —=1
¥<<1, ¥? negligeable.

3) Qur_model) for fitting the attitude data

In our physical case the drag is variable with time because of the lowerina of the
perigee, the orbit circularization and pozziBly olher effects related to the dynamics
oi the atmosphere