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1.0 EXECUTIVE SUMMARY

This Environmental Interaction Technology Status report fills the need for a
comprehensive survey of the many natural environment hazards that may affect large,
high-powered spacecraft proposed for future United States Air Force (USAF) missions.
Such a document is required so that potential environmentally induced hazards can be
recognized and mitigation techniques incorporated early in the design phases of these
programs.

Experience with operational satellites has shown that severe interactions between
spacecraft systems and the natural space environment can occur. These interactions,
ranging from nuisance electronic switching to mission failure, were not anticipated in
previous system designs and were only identified during recent spacecraft operations.
Since future spacecraft will be larger and operate at higher power levels, environmentally
induced effects could be more serious at all orbital altitudes. It is with the desire to
prevent operational surprises from environment interactions, and their subsequent costly
retrofits, that this study was undertaken.

This report presents an overview of the interactions, their current research status,
and their system impact. The interactions were grouped into seven environmental
categories: Plasma Environments (Section 3), High Energy Radiation Environments
(Section 4), Neutral Environments (Section 5), Particle Environments (Section 6), Solar
Radiation Environments (Section 7), Self-Generated Environments (Section 8), and
Electromagnetic Environments (Section 9).

The plasma environment category considers interactions with space plasmas
having particle energies less than 100 keV. The high energy radiation environments
category discusses effects resulting from interactions with electrons and ions having
particle energies greater than 100 keV. The neutral environment category is concerned
with low altitude, non-charged particle interactions (e.g. atomic oxygen erosion). The
particle environment category covers micrometeoroid and man-made debris impacts.
The solar radiation environment category considers ultraviolet, visible, and near infrared
solar interactions. The self-generated interactions category is concerned with
contamination from various sources. Finally, the electromagnetic environment category
discusses interactions with magnetic fields. Extensive references are provided on each
interaction and are located at the end of this report (Section 11).

An initial list of seventy-five possible interactions was condensed to twenty-four for
this summary. Each interaction was rated for research maturity in both experimental and
analytical areas for Low Earth (LEO), Polar Earth (PEO), and Geosynchronous Earth
(GEO) Orbits. The impact of each of these interactions on system performance was
also rated. The ratings were based upon a scale of 1 to 5 where 5 represented
COMPLETE knowledge for the maturity rating and CATASTROPHIC for the rating for
impact on the system. The rating scheme is discussed in Section 2.2.

The summary of the ratings for the 24 interactions is given in Table 1.1. In
general, the ratings show some expected results and some surprises. Charged particle

- 1 -



interactions (both plasma and high energy radiation environments) have serious system
impacts. Yet, the state-of-knowledge of these interactions is not complete, even after
years of study. There are still significant technology gaps that must be filled.

The neutral environment interactions of drag and atomic oxygen surface erosion
have received considerable attention recently. While these effects can be catastrophic,
the technology tof mitigating these effects is rapidly growing. Other neutral environment
interactions, however, still have technology gaps even though the system impact can be
serious.

The return of hardware to earth after years in space is proving that meteoroid and
debris impacts on spacecraft surfaces can be serious. There are gaps in the man-made
debris population models and on the effect of these impacts on materials to be used in
future, large space systems.

The ratings would indicate that solar radiation effects would have small system
impacts. This is generally true, however, under specific applications the impact could be
serious. For example, a large solar panel experiment bowed during eclipse due to
differential expansion of the various materials used. Once back in sunlight the panel
flattened. Such fluctuations were not anticipated. If similar materials or design
procedures were incorporated into a future system, the impact could be serious.

The electromagnetic environment interactions all have a COMPLETE research
maturity rating. Yet, the effect of these interactions on large system performance is not
well understood. From the brief overview conducted within this report, it is felt that
these interactions could be serious and should be evaluated.

This study has shown that there are interactions that could cause serious system
impacts. The technology for these interactions is in varying states of development. Thus,
developing a complete set of design guidelines and Military Standards is not possible at
this time. In the case of immature technologies, information should be catalogued and
made available to designers to insure that the potential hazard of the interaction is
recognized.
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Table 1.1
Spacecraft Environmental Interactions Rating Summary

INTERACTION RATING

System Impact Research Maturity

Theory Experiment

LEO PEO GEO LEO PEO GEO LEO PEO GEO

PLASMA ENVIRONMENT:

- High Altitude Charging - - 4 - - 4 - - 4
- Polar-Auroral Charging 1 4 1 - 3 - - 3
- High-Voltage Interactions 4 4 1 3 3 1 3 3 1

HIGH ENERGY RADIATION:

- Radiation Damage to:
- Electronics - 4 4 - 4 4 - 4 4
- Solar Arrays - 4 4 - 4 4 - 4 4
- Materials - 3 3 - 3 3 - 3 3

- Single Event Upsets - 4 4 - 4 4 - 4 4
- Radiation Hazards to Man - 4 4 - 4 4 - 4 4

NEUTRAL ENVIRONMENT:

- Atmospheric Drag 5 5 1 3 3 - 3 3 -
- Atomic Oxygen Surface Erosion 5 5 1 3 3 - 4 4 -
- Surface Glow 3 3 1 3 3 - 3 3 -
- Chemical Reactions 3 3 1 4 4 - 3 3 -
- Sputtering 4 4 1 2 2 - 2 2 -

PARTICLE ENVIRONMENT:

- Micrometeoroid Impact 4 4 4 4 4 4 3 3 3
- Man-Made Debris Impact 4 4 4 3 2 2 3 2 2

SOLAR RADIATION ENVIRONMENT:

- Surface Coating Degradation 2 2 2 5 5 5 4 4 4
-Thermal Forces 3 3 3 4 4 4 4 4 4
- Biological Hazard 1 1 1 4 4 4 4 4 4

SELF-GENERATED ENVIRONMENT:

- System Outgassing 4/5 4/5 4/5 3 3 3 4 4 4
- Thruster Effluent 4/5 4/5 4/5 3 3 3 3 3 3
- Nuclear Systems 5 5 5 4 4 4 4 4 4

ELECTROMAGNETIC ENVIRONMENT:

- Motion-Induced Electric Fields 4 4 4 5 5 5 5 5 5
- Current-Generated Forces 4 4 4 5 5 5 5 5 5
-Magnetic Torques 4 4 1 5 5 5 5 5 5

Note: (-) Indicates Interaction is Not Applicable to the Designated Orbit
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2.0 INTROI" '-CTION

The Spacecraft Environmental Interaction Study was undertaken to fill a pressing
iieed for a comprehensive survey of the natural environment hazards facing the large,
high-powered spacecraft proposed for future USAF missions. Such a survey was
required so that all potential hazards could be recognized and mitigation techniques
incorporated early in the spacecraft design phase. This will save costly retrofits and
delays later in the program.

Experience has shown that the natural environment can interact with spacecraft
surfaces and systems, disrupting operations. For example, the degradation of electronic
components in the space radiation environment has long been recognized. This
degradation can lead to eventual failure when the cumulative dose exceeds thresholds for
specific parts [1]. Interactions have been noted in geosynchronous orbiting spacecraft
when systems were upset due to encounters with geomagnetic substorm environments [2].
Anomalous events were also correlated with galactic cosmic ray impacts [31. The
disruptions arising from these interactions range from correctable nuisance anomalies to
component failures which caused loss of mission. After many years of study and
evaluation the interactions are now better understood, however, anomalies continue to
occur [4].

At the present time, the USAF is contemplating future space missions that use
large, high powered spacecraft. Missions are in the planning stages, such as Space Based
Radar, that use large platforms exposed to the space environment while requiring multi-
kilowatts of power for operation. This new generation of spacecraft must operate in a
variety of orbits ranging from low altitude equatorial and polar to beyond
geosynchronous. Prior experience can not guarantee that all possible interactions with
the natural space environment will be considered in these designs. Costly retrofits will be
required if these interactions are uncovered late in the vehicle planning stages.

The Air Force Geophysics Laboratory (AFGL) funded this study to: (1) rank the
possible impact of natural environment interactions for future military systems; (2) aid
designers and program managers in recognizing the importance of these interactions; and
(3) foster the incorporation of mitigation techniques early in the vehicle design process.
These goals are aimed at minimizing the need for costly spacecraft modifications late in
the systems acquisition process.

2.1 ORGANIZATION OF REPORT

The natural environmental interactions identified are presented within seven
categories: Plasma Environments (Section 3), High Energy Radiation Environments
(Section 4), Neutral Environments (Section 5), Particle Environments (Section 6), Solar
Radiation Environments (Section 7), Self-Generated Environments (Section 8), and
Electromagnetic Environments (Section 9).

This division of environments is for convenience of discussion and is not a
prioritization of their importance. The plasma environment category considers
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interactions with electrons and ions having energies less than 100 keV. The high energy
radiation environments category discusses effects resulting from interactions with
electrons and ions having energies greater than 100 keV. The neutral environment
category is concerned with the low altitude, non-charged environment (e.g. atomic oxygen
erosion). The particle environment category considers interactions with the meteoroid
and man-made debris environments. The solar radiation environment category considers
the ultraviolet, visible, and near infrared spectrum from the Sun. The well established
technology associated with these interactions is only summarized here. The
self-generated environment category deals with contamination and nuclear power system
operations. Finally, the electromagnetic environment category discusses interactions with
the Earth's magnetic field.

The discussion of each Spacecraft Environment Interaction (SEI) within each
environment category is summarized by discussing the following topics: Specific
Environment Description, Discussion of SEI, Research Maturity Rating, System Impact
Rating, and Mitigation Techniques. The information presented in the following
discussions is derived from literature searches and key expert inputs. Extensive
references for each category are located in Section 11 for convenient access.

2.2 SEI RATING SCHEME

The scheme used to rate these interactions addresses both research maturity and
potential impact on the performance of a spacecraft system. Both rating factors use a
scale of 1 to 5 (Table 2.1).

Table 2.1
Rating Scheme for Environment Interactions

System Impact Maturity

1. Negligible 1. Negligible
2. Small 2. Slight
3. Moderate 3. Moderate
4. Large 4. Considerable
5. Catastrophic 5. Complete

Research maturity ratings are judgments, based upon available information, of
what is known about the interaction technology. These ratings are divided into a
theoretical and experimental maturity. A rating of (1) implies negligible understanding -
little if anything has been started towards understanding this interaction. A rating of (2)
implies slight understanding - at least preliminary models have been formulated. A
rating of (3) implies moderate understanding - models have been tested or discussed in
detail. A rating of (4) implies considerable understanding - some open questions remain.
Finally, a rating of (5) implies essentially complete understanding of the interaction.

The system impact rating is a judgment on the degree to which an interaction
would affect the performance of any system. This has to be a broad judgment since an
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interaction could be catastrophic to some systems but have a negligible effect on others.
For example, contamination would be catastrophic to cryogenically cooled infrared (IR)
sensors, but would be negligible for external surfaces used for cavity closeouts. System
impact ratings in this report refer to the most seriously impacted system. The system
impact scale runs from I (NEGLIGIBLE) to 5 (CATASTROPHIC).

The purpose of rating these interactions in this manner is twofold. First, serious
interactions can be immediately identified. Second, if the maturity rating of the serious
interaction is low, this would indicate that additional work should be done in this area to
develop the technology so that it can be incorporated into spacecraft dcesin.
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3.0 PLASMA ENVIRONMENT INTERACTIONS

This section discusses interactOifnS with space plasmis having particle energies less
than 100I keV. 1 ligh Altitude Spacecraft Charging, Polar-Auroral Spacecraft Charging,
afnd I ligh-Voltaige System Interactions will be discussed in detail.

3.1 GENERAL ENVIRONMENT DISCUSSION

The space plasma environment surrounding the Earth, as illustrated in Figure 3.1,
is very complex. This environment is dynamic and changes continually. The plasma
environment discussion here can be simplified since the goal is directed towards
engineering level interactions rather than a scientific treatise on the environment.

The magnetosphct ic plasma resides mainly in three more or less distinct regions:
(i) the plasmasphere of cool (< 1 eV) plasma consisting of electrons, protons, and

xV'Ccn iMs: (ii) the plasma sheet, a region of warm (6 keV) plasma, mostly electrons.
prot0Is wkith oxVIer, and helium ions; and (iii) the radiation belts, consisting mainly of
clectrons, protons with energies of I to 10 MeV, and a minority of heavier ions in the
10( M),eV range. The principal plasma environment of concern is that in which particle
eneruics hive been arbitrarily limited to 100 keV. This environment resides in the
pla.smasphere and plasma sheet regimes (Figure 3.2).

Fhe plasnasphere is an asymmetric, roughly toroidal body of plasisma extending
troim the lower altitudes of the atmosphere to an equatorial radius of about four Earth
radii (4 Re). During prolonged quiet times the outer boundary, called the plismapause,
can reitch 10 R.. The plasmasphere co-rotates with the rotating ionospheric electric
iel. This traps ionospheric ions and electrons, resulting in particle densities that can

reach 1()6 cnf- 3 on the equator at low altitudes while falling off to about I cm - 3 
it

geosynchronous altitudes (6.6 R,,). The high thermal plasma density in low altitude
(> 100) ki), low inclination ( < 500 ) orbits minimizes charging interactions with
spacecraftt systems. The plasma sheet, an extended region of warm plasma outside the
piasmaisphere, extends away from the Sun for at least several tens of Earth radii, as
shovwn in Figure 3.2. The region between the plasmapause, the outer limit of the
plasmasphere, and the inner edge of the plasma sheet is called the plasma trough. The
trapped radiation belts are discussed in Section 4.0.

3.2 IGI ALTITUDE SPACECRAFT CHARGING

This interaction results in the charging of geosynchronous spacecraft surfaces by
geormagnetic substorm environments. This charging results in enhanced electrostatic
contamination and can initiate discharges. It has been called "spacecraft charging".

3.2.1 Interaction Environment

'he environment (f concern here is the geomagnetic substorms encountered in
the regions around geosynchronous altitudes [6,9,11-171. These substorms arise when the
solar wind particles interact with the Earth's magnetic field so that the particles are swept
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out alon the field lines and are then accelerated back toward Earth through the plasma
trough. These particles are accelerated to kiloelectron volt (keV) levels, When they
intercept the closed magnetic field lines around the Earth, they are dispersed according
to their energies and species (Figure 3.3) [17]. This injection of more energetic particles
always occurs at local midnight. The dispersion cloud then moves around the Earth
interacting with the atmosphere along the magnetic field lines. This interplay in the
environment eventually results in the auroras which are observed in both hemispheres.

The substorm environment can be represented as a cloud of energetic particles
with irregular boundaries. Within this cloud, the intensity can vary. There is also
evidence that the electron flux can be preferentially aligned along magnetic field lines [9].
Spacecraft tend to move into and through this cloud. Therefore, the charging levels
encountered by any spacecraft can vary depending upon the conditions encountered.

For design purposes, the environment can be described in terms of current
densities and characteristic energies or temperatures. Only a single Maxwellian
distribution is given, since this specification typically results in the largest predicted
differential charging of spacecraft surfaces. The recommended design environment is
given in Table 3.1 [18]. The likelihood of observing current densities and temperatures
of a given magnitude or larger are shown in Figure 3.4 [18].

Table 3.1
Recommended Geomagnetic Substorm Design Environment

Electron Density 1.12 cm
- 3

Proton Density 0.236 cm- 3

Electron Temperature 12.0 keY

Proton Temperature 29.5 keV

Electron Current Density 0.33 nA/cm2

Proton Current Density 2.5 pA/cm2

3.2.2 Discussion of Interaction

Spacecraft charging is a very active field of both analytical and experimental study.
A large body of literature exists which includes several books [19-20], monographs [18,21]
and conference proceedings [22-25]. Several review papers are also available describing
laboratory and in-orbit experiments, analytical and numerical models, "worst case"
environments [12], and practical mitigation techniques. The interaction considered here
is applicable to spacecraft placed in or near geosynchronous orbit (4 to 8 R.). The
energetic electrons do not reach the low altitude equatorial orbits. The dense, low
energy, plasma would also prevent any surface charging effects.
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I listoricallv, this interaction was found when spacecraft electronic system
ainolmaliCs \were correlated with Ceomagznetic substorm fluxes in geosynchronous orbits [2].
l'hese anonmllies were initially found to occur at specific times in the orbit as shown in
Figure 3.5. This figure shows a polar plot of the time of occurrence of anomalies on five
Ceosyvncharotous satellites during the early 1970s. The occurrence of anomalies
corresponded to the region where the substorms were expected. Laboratory testing
seemed to indicate that electron flows at the substorm level could charge the spacecraft
surfaces to the point where discharges would occur. The need to understand these
interactions intensified when an USAF communications satellite failed.

Surface charging interactions result from the deposition of charge on or just within
the exterior surfaces of the spacecraft. Bulk charging results from the deposition of
chalre within exterior or interior dielectrics. Both types of charging phenomena are
possible in gceolanetic substorms.

Sl- icecraft charging effects have been studied in a number of laboratory [26-30]
and space flight experiments. Flight experiments were conducted on the Applications
Technology Satellites (ATS) 5 and 6 [31-33] and the Spacecraft Charging at High
Altitudes (SCATIA) satellite [34]. Charging experiments on ATS 5 and 6 demonstrated
the ability of electron emitters and plasma sources to control spacecraft potentials in
geosynchronous orbits and evaluated spacecraft size effects. The SCATHA satellite was
dedicated solely to experiments to evaluate charging effects. This satellite contained 13
experiments to measure the environment particle fluxes as a function of energy and to
conduct engineering measurements on surface charging, discharge characterization, and
satellite potential control techniques. Launched in January 1979, SCATHA has provided
useful data on all phases of geomagnetic substorm charging.

3.2.2.1 Surface Chaiging

3.2.2.1.1 Background

The charging of spacecraft surfaces results from the requirement that the net
current to a surface (or spacecraft) be zero [35-39]. As shown in Figure 3.6, a spacecraft
encounters several possible current fluxes in space. Surface potentials, relative to space,
change in order to control the incoming currents and maintain the required current
balance. In normal, quiescent conditions, the spacecraft is subjected to low energy
plasma currents ( 10" Amps/cm 2 ) which can generate secondary currents from the
surface (; 10" Amps/cm2.) [40]. Photoemission currents from sunlit surfaces are on
the order of 109 Amps/cm . Since the sunlit current could be larger than the others,
the surface potential would become slightly positive to maintain the required net zero
current to the spacecraft. In a substorm, high energy electron currents ( 1 0 0 to I0
Amps/cm 2 ) strike the spacecraft and drive the surfaces to large negative potentials.

In general, one may distinguish two types of spacecraft charging effects: absolute
charging, where a potential is established between the spacecraft surface and the ambient
plasma; and differential charging, involving a potential difference between adjacent
surfaces of the spacecraft [40]. Absolute charging generally occurs in eclipse charging
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conditions and the potential tollows the substorm intensity.

Differential charging arises because of different electrical properties between
contiguous spacecraft parts (e.g. metal versus dielectric) or because of different ambient
conditions (e.g. sunlit versus shaded surfaces) [41]. If this differential voltage exceeds
breakdown thresholds, then arcing occurs (Section 3.2.2.1.4). This can produce transients
which can couple into electrical circuits, resulting in on-orbit anomalies and failures.
Differential charging also leads to potential barrier formation, in which the large electric
fields from shaded dielectrics surround the spacecraft and deflect incoming charged
particles, thus controlling the charging level of the spacecraft.

3.2.2.1.2 Modelingy

Several analytical and numerical models have been devised to calculate surface
potentials as a function of time and substorm conditions. These models range from
one-dimensional representations for simple geometries and single materials to elaborate
computer codes to predict the potentials in three dimensions (i.e. NASA Charging
Analyzer Program or NASCAP).

In all cases the surface potential depends on the balance achieved by the sum of
all currents striking the surface:

J1, + J + Jo+Jb. + Jph + JL + C. dV/dt = 0

where:
J = incident electron current density Jbs = backscattered current density
Ji = incident ion current density Jph = photoemission current density
J.3,, = secondary emission current density JL = leakage current density
dV/dt = time rate of change of voltage C. = dielectric capacitance

The currents collected by a surface change its voltage and this influences the
collection of its neighbors. The NASCAP computer program compensates for these
effects when making charging predictions of three dimensional objects [42-48]. Examples
of models for both spinning and three-axis stabilized spacecraft are shown in Figures 3.7,
3.8, and 3.9 for charging under sunlight conditions [49].

The spin stabilized spacecraft (Figure 3.7A) must rotate to maintain its attitude.
However, since the antennas must face Earth, this area is decoupled from the rotating
cylindrical portion of the spacecraft. The antennas turn one full revolution per day. The
three-axis stabilized spacecraft (Figure 3.7B) always has its solar arrays facing the Sun,
while the body rotates one revolution per day to keep its antennas facing the Earth. The
structure potential for spin stabilized spacecraft charging is less negative than the
three-axis stabilized spacecraft, however, the differential charging appears to be about
the same on both. The regions where equipotential contours are close together in the
predicting charging level plots (Figures 3.9A & 3.9B) can be used to indicate possible
breakdowr, sites.
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The N ASCAEP runs usually consume conside ruble corn )ute r ti me. l)c pend iig iln

tte computer, this time requirement varies from one to several hours per run. Theie is a
tcI dCI CN7 to use one-di nIensional models for "quick response" enoinecti ng a nsw"ers
These I-D models yield inswers quickly on microcomputer systems. C'II'e Must he tiken,
however, in interpreting the results of these fist, simplified modeling corn pututions.
There is usuualV no coupling allowed between the various SLfuces unkd c.inT fiLlr rut ionl und
burrer effects are excluded. In addition, the simplified codCs predict different 1ime
histories for chargyingy materials.

Fig"ure 3.10 illustrates the difference in predicted difterentiu I chiirgine time

histories using, the NASCAP and 1-D Model codes. In this example, a shudcd 2 mil thick
piece of Kapton, from the previous three-axis stabilized spacecruft model, is subjiCctCd to
a severe substorrn and compared to the results of a 1-D code rising the same
environment. Note that surface resistance is not included in the 1-D model while it is
included in the 3-D NASCAP model. The results show that the 1-D model would prldict
slower charging rates for Kapton than the NASCAP model. Thus, the simplifiecl analysis
could lead one to assume that there would not be a problem, when in fact one may exist.
This illustrates the strong configuration effects that must be considered in these analyses
and that quick-response codes do not necessarily predict worse case conditions.

3.2.2.1.3 Factors Influencing Charging

In addition to the spacecraft configuration effect illustrated above, several other
factors can influence the charging levels achieved by geosynchronous spacecraft.
Substorm intensity plays a strong role in the charging levels attained by spacecraft. This
intensity can vary due to the solar cycle, the accelerating mechanism (still unknown at
this time), or the variation within the dissipating substorm cloud. A minimum threshold
level in substorm average intensity (as determined by the characteristic energy) has been
reported to be necessary in order for spacecraft surfaces to be charged. For spacecraft
designed and built in the 1970s, the substorm had to have a characteristic energy greater
than 3 ke v to cause significant surface charging [50]. Recently, a relationship between
particle flux and charging has also been established [11].

Another factor influencing charging is photoemission from sunlit surfaces and
shadowing. The predicted potentials for a three-axis stabilized spacecraft (Figure 3.11)
encountering a severe substorm are shown in Figure 3.12 for both sunlight and eclipse
charging events [51]. In an eclipse charging event, the potential profiles are initially
uniform, indicating that the whole spacecraft charges as a unit. After a period of time,
differential charging develops due to the different secondary emission properties of the
varirous materials. At the end of the eclipse, when the spacecraft etters sunlight,
photoemission current discharges the spacecraft as a unit.

The sunlit charging case, however, can create a more severe differential charging
condition. If the dark side of the array is non-conductive (in this case, Kapton), it will
charge to large negative values. The Kapton voltages then control the charging of the
rest of the spacecraft by generating strong electric fields that eventually surround the
spacecraft. limiting the fluxes incident upon the surfaces and thereby reducingI the photo
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and secondary emitted currents from the surfaces. These shadowed portions of
spacecraft surfaces can develop significant voltage differences, giving rise to discharges.
The photoemission characteristics of sunlit surfaces are not well known [52-56].

As indicated previously, spacecraft stabilization can have an effect on the charging
behavior in sunlight charging conditions. A spin stabilized spacecraft will rotate in
sunlight such that the cylindrical sides will be sunlit and only the ends will be shadowed
[40]. This will result in negative structure potentials of a few hundred volts. Dielectrics
not in sunlight, however, can charge to their characteristic levels, resulting in strong
gradients through the dielectrics. The three-axis stabilized spacecraft, on the other hand,
could have structure potentials that reach -2000 volts. The dielectrics will still charge to
their characteristic levels, possibly resulting in a less severe voltage gradient through the
dielectric. In eclipse, both types of spacecraft will charge as units in the initial phases of
the substorm encounter.

The properties of spacecraft surface materials also have an effect on spacecraft
charging potentials. The conductivity and the secondary yields of the dielectric surfaces
all affect the current balance and, hence, the surface potential. The change from 5 mil
to 1 and 2 mil thick dielectrics in the present day spacecraft increases the leakage
through the dielectric and reduces the differential voltage attained in a given substorm
(Figure 3.13).

Another means of limiting the surface potentials is by controlling surface
resistance to provide an additional leakage path. This must be done by bringing a
ground plane to the surface to prevent charge build-up at the edges of dielectrics.
Dielectric coatings, like paint (surface resistivity R 1010 to 1011 ohms/ 2 ), can be used
to increase the current leakage from the surface to the structure, thereby lowering thedifferentials. Figure 3.14 illustrates the effect of surface resistance on surface potentials.

The effect of spacecraft size on the levels of charging was first evaluated by
comparing the charging levels observed on ATS-5 with those observed on ATS-6 during
simultaneous substorms and eclipse charging events [32]. ATS-5 (Figure 3.15) was a
spinning satellite about 1.3 m in diameter and 2 m in length. ATS-6 (Figure 3.16) was a
stabilized satellite in which the end-to-end solar array dimension was 16.5 m. The
near-cubical spacecraft housing module, which supported the 9.1 m parabolic reflector,
was about 1.6 m on a side. Both satellites had similar particle detection instrumentation
to determine their structure potential in substorms. Since this was eclipse charging, it
was anticipated that the different stabilization of the two spacecraft would not influence
the charging levels. It was found that both vehicles charged to the same value in eclipse
charging events, although ATS-6 was , 5 times larger (Figure 3.17). Presently, there has
been no attempt to determine if the charging levels of future, large, high-powered
satellites would be different from present-day satellite levels.

3.2.2.1.4 Discharges

As stated previously, when the surface voltage exceeds a threshold, discharges can
occur [56-64]. These discharges may occur because of a gradient between the dielectric
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surface and the substrate below (primarily in gaps, edges, or through imperfections in the
dielectric) or from gradients between surfaces. This discharge process was first illustrated
in a laboratory test using a Defense Systems Communication Satellite (DSCS II)
communications antenna (Figure 3.18). A metalized mylar sheet was charged with a
power supply until a discharge occurred. While the charging process in this test was not
the same as occurs in space, the test was valuable because it demonstrated that
discharges seek out openings and imperfections to complete a circuit. Note the discharge
attachment points in the folds of the thermal blanket and at the antenna edge openings.

A discharge in space causes a change in charge distribution [18]. It is currently
believed that electrons are ejected into space rather than being injected into the
structure. This belief i based upon the fact that the voltage gradients between the
various elements on the spacecraft surfaces are at relatively low differential values (< 5
kV) if the surfaces are strongly coupled to the structure (i.e. all metal and metalized
surfaces are well grounded). There is no evidence that such small gradients can result in
breakdowns to the structure. Electron loss to space triggered by relatively low voltage
gradients, however, has been shown to occur.

The discharge process involves the following steps [18]: (1) A discharge is
triogered and electrons are ejected to space; (2) Locally, the surface voltage changes
since there is charge lost and the capacitance to space is fixed; and (3) Currents flow in
the structure to neutralize dielectric polarization charges at the discharge site.
Discharges initiated by surface charging are assumed to occur under the following
cunditiuns (Figure 3.19): (1) If a voltage gradient greater than 2 x 10P V/cm exists
between the dielectric surface and the metallic substrate (It is assumed that the
breakdown will occur at a dielectric edge); (2) If a metal surface is at least 1000 volts
more negative than the surrounding dielectric surfaces; or (3) If an isolated metalized
dielectric is at least 1000 volts more negative than the adjacent spacecraft structure (This
type of breakdown transfers charge directly to the spacecraft).

3.2.2.1.5 Coupling To Systems

It is known that the substorm environment can charge spacecraft surfaces until
discharges are possible. The problem, though, is how does the discharge transient couple
into the spacecraft system? Coupling has been addressed but has not been adequately
treated in charging studies to date [65-68]. An attempt at modeling the coupling
phenomenon for a flight program was conducted for the Voyager program using an EMC
code called Specification and Electromagnetic Compatibility Analysis Program
(SEMCAP) [69,70]. The program predicted which systems would upset and led to
numerous design changes that significantly hardened the spacecraft to discharge
transients. SEMCAP was also used to predict voltages induced by test arcs. On average,
the predictions underestimated the induced voltages by 6 dB, and the standard deviation
between the measured and predicted voltages was about 20 dB. This discrepancy
indicates that coupling analysis results can only be used for qualitative design guidance.

There are two possible mechanisms that will allow coupling into the system
[1,71-72]. The first is that the transient couples via a direct radiative path from the
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Figure 3.18 Discharge on DSCS II Antenna

- 33 -



ISOLATED METALLIZED
DIELECTRIC

Figure 3.19 Discharge Process

- 34 -



discharge site to a device that transports the energy into the system (Figure 3.20). This
requires either a coupling antenna or an opening into the vehicle.

The second mechanism requires a current to flow in the structure. The current
generation concept can be explained as follows. Charge loss or transfer means that the
voltage of the structure relative to space must change. Present-day spacecraft are
,': acitively coupled to space with a value of about 10"0 Farads. Since this capacitance
value is fixed, a charge loss will cause a change in voltage potential transient. The
voltage transient then induces skin currents to flow within the structure. The magnetic
field generated by the currents could then couple to the spacecraft wiring harness,
inducing transients in the electrical circuits. In addition to the conducted transients, there
is the possibility that the radiated component from the discharge may couple into
antennas on the spacecraft and enter their circuits. In either case, the transient traveling
in the electrical system could produce a signal causing the anomaly in the electronics
logic. Since substorms can occur frequently in geosynchronous orbits, pulsing in circuits
may happen often and eventually overstress a component, possibly leading to failure.

Circuit analysis, using a lumped element modeling technique, has been applied to
spacecraft [49]. Such computations indicate that AC impedance in the structure is
significant. This can result in different parts of the structure being at different potentials.
Figure 3.21 illustrates the structure transient response to a 2 A C discharge occurring on
the communications antenna of a three-axis stabilized spacecraft.

3.2.2.2 Dielectric Bulk Charging

3.2.2.2.1 Background

As a result of the SCATHA experiments, it became apparent that not all charging/
discharging events were due to surface charging phenomena. Discharges were occurring
when the surface charge monitors indicated no charge. It is now believed that these
transient events on SCATHA are the result of charge deposition within dielectric
materials [21]. Substorm measurements indicated that there was a sufficient flux of high
energy particles to cause this deposition. It is believed that satellites are still
experiencing upsets from this type of charging [4,73].

Bulk charging, resulting from charge particles being deposited within dielectrics,
can pose a significant hazard if the leakage rate within the dielectric is low compared to
the incoming flux. The charge decay time constant may be as much as several days for
materials with resistivities as high as 1015 to 1018 ohm-cm. It is thus possible that charge
buildup can occur over many days, even though the incoming flux varies over the orbit
period. It should be emphasized here that internal charging of dielectrics is a flux
dependent effect, because of the leakage, and is not simply a function of the integrated
flux, effluence, or dose. Buried charge discharges, either to space or the structure, would
produce a similar response in the spacecraft as do surface discharges. These discharges
could also result in damage to dielectrics.
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3.2.2.2.2 Modeling

The bulk clmrgingz phCnolCnon has been studied for years in laboratory
,,Imu :L tions usi ng~ mononclicrgctic electron bearlms [74-83. The classic experiment,
con iuctCd in a vacuuinI. uses a dielectric sandwiched between two thin metal electrodes
l igure 3.22). Both electrodCs are usually grounded. One electrode is then irradiated

with hi ih energy electrons, Id the current to ground is measured fr1m the other
clcctrode. From tiis infoirmation, the electric field (E) and the charge distribution (p
\\,ithi l tie dielectric is deduced. These quantities are determined from M:axwell's
cqlu:tioii 1and tile ContiluitV Cqlatiol:

o0 a 0p aJ(x); --- i . .... . ()
0x 0 Ot Ox

whcrc: J(x) = J' + otF = . + K[dl)(x),'dtJ'

J(x) = total currenut JD = electron deposition ctlrrelint
p = charge density c = dielectric constant
or = conductivity ao  = dark condlctivitv
[dD(x)/dt] = radiation dose rate K, n = constants

The source terms for the calculation of the field and charge distributions are the
electron deposition current and the dose rate. This set of equations is usually solved bv
elthorate transport computer codes. Typical results are shown in Figure 3.23. Such
nunerical calculations have been shown to be in agreement with measured values for
these experiments. The results indicate that, depending upon the incident particle flux
atnd energy, electric fields and charge distributions can build up either towards the front
or Nick of the sample.

The modeling of this phenomenon is still underway. Tests have been conducted
\, ith exterior surfaces not electrically connected to the spacecraft conducting frame. The
results are being compared to the model predictions. The correlation between
riino-energetic beams and substorm energetic electrons has not been completed. 'lo
quantify the effect of a discharge from electron deposition, the charge lost must be
specified. This value is not known at this time.

3.2.3 Research Maturity Rating

The research maturity for high altitude, geosynchronous charging, tfr both theory
and experiment, was rated CONSIDERABLE (4). The rationale for this judgment is
thait spacecraft charging effects have been investigated for the past 10 years by tile US
Air Force and NASA and considerable information has been amassed. The substori
c(,,rgCtic particle environment has been catalogued, "worst-case" Substorm pl',snia and
particle values defined, and statistical models of the occurrence of substorms developed.
\ spacecraft charging analytical computer modeling tool called NASC'At has been

dc,.cloped bv NASA and the Air Force to predict geosynchronous surface charg ing.
M(hdcls are being ceveloped to co rpute bulk charging effects. Extensive gr1in rid

iiu!;ti n pr cCd II rCs hIive lcCi developed to characterize new spacecraft m'<atcrials.
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Test procedures have been developed (but not as universally adopted) to test spcecralft
tor susceptibility to electrical transients from arc discharges. Finally, a Spacecraft
Charging at 11 igh Altitude (SCATt-A) flight experiment continues to provide data on the
chatracteristics of this phenomenon. The rating would have been COMPLETE (5) if the
details of the cotpling mechanisms, for transferring the effects of arc discharges on the
spaceCI'rlt surface into interior harnesses, were more firmly established.

3.2.4 System Impact Rating

There are three basic system impacts or hazards arising from high altitude
charinig interactions in geosynchronous orbit. First, the discharges resulting from both
surfa"ce and bulk charging can couple into the electronic system as an electromagnetic
noise source and produce anomalous switching. These switching events generally occur
in the attitude control systems, communications systems, and occasionally in the telemetry
system. There is evidence that the discharge transient can be severe enough to cause a
component failure. What is uncertain at this time is whether or not a failure results from
a single encounter or as the result of an accumulated response to a larg, number of
discharge transients over a long period of time. The recorded failures generally occur
only after a few years of operation. Regardless of the mechanism, the component
failures noted to date have resulted in degraded satellite capability (even mission failure).

The second hazard -s the degradation of surface pioperties due to discharges.
The discharge process can cause loss of materials, especially metal films and adhesives,
resulting in changes in the electro-optical properties of the coatings over a long period of
time. This can result in the spacecraft operating at different, usually higher,
temperatures than anticipated.

The third hazard results from the surfaces being charged. Surface charging can
enhance contamination by attracting back any ionized or ionizable contaminants which
can then adhere to the surface. One possible result is increasing solar absorptance,
causing a rise in surface temperatures and eventual overheating of the spacecraft. There
apparently is no way to cause a temperature decrease by contaminating a surface.
Charging can also influence the behavior of instruments. Sensor optics can be coated by
the contaminants, decreasing sensor operational capability. Finally, scientific instruments
can provide erroneous data when their reference ground potential has an unknown hias.

The impact of all of these hazards was rated CONSIDERABLE (4). This ratinu
was based upon the fact that a majority of spacecraft charging events are considered
correctable nuisances rather than catastrophes. Agreement on the impact of charging is
further complicated by the great difficulty in proving that charging was in fact the initial
cause for any anomalies. Even in cases where the system or satellite failed, there have
been other possible explanations besides spacecraft charging.

3.2.5 Mitigation Techniques

Several possible passive mitigation techniques to reduce the effects of spacecraft
charging events on system performance have been proposed. These are: (1) Make the
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exterior surfaces as conductive as possible. Bulk conductiLviti es ot ( 10 mho-cm are
usuallv saItisfactorv foir controlling this interaction. (2) Ground all metal surfaces with a
resistance of not more than I M. (3) Shield all sensitive circuit harnesses and ground
the shield. (4) Filter all sensitive circuits for transients in the range of I to 100 MHz.
(5) Em ploy standard EMI noise suppression techniques in sensitive circuits. And (6)
consider AC impedance as well as DC resistance in the spacecraft design.

Active techniques can also be used to control spacecraft surface potentials, Since
charging is the result of a current balance, an additional ejected electron current could
compensate for the incident substorm particle currents and result in reduction of the
structure potential. Space flight experiments have demonstrated that pla1sma sources are
effective for controlling charging [31,33.86]. These sources control both the structure
potential and the dielectric surface potentials. AFGL is currently developing a Charge
Control System (CCS) containing a plasma source for controlling charging on
geosynch rono us spacecraft [87]. By employing both passive and active mitigation
techniques into present and future spacecraft, it is believed that the effects of high
altitude charging can be reduced and even eliminated.

3.3 POLAR-AURORAL SPACECRAFT CHARGING

The significance of this interaction was identified based upon measurements of
charging on polar-orbiting satellites.

3.3.1 Interaction Environment

Electrons and protons from the Sun enter the magnetosphere tail, are energized,
and travel along magnetic field lines, eventually interacting with the Earth's atmosphere.
One result is a dynamic phenomenon called aurora. The concept of currents flowing
along the magnetic field lines was first proposed by Birkeland in 1908 and updated in
1964 by Bostrom [88-93].

The concept of the auroral oval, the region where the probability of occurrence of
auroras exceed 0.7, was originally used to describe the location where optical auroras
were observed [94]. Later, it has also been found useful in describing other phenomena,
including the precipitation of energetic electrons which produce the auroras. The oval
extends completely around the Earth although, in some orientations, observation of
optical auroras is masked by sunlight. The auroras are found in a band, somewhat
circular in form, with its center displaced towards the night side of the Earth. It has a
greater latitudinal extent on the dark, or midnight, side. The oval forms a fixed pattern,
relative to the sun, which changes in geographical location as the Earth rotates beneath.
The distance across the oval increases as world wide geomagnetic activity increases.
Auroras can appear at lower latitudes at magnetically active times.

The satellite auroral photos (Figure 3.24) demonstrate how the aurora can have
spatial variations, particularly in north-south extent. Local midnight is at the center of
each of the two aurora photos. On the right, where the aurora would be described as
quiet, it has a narrow latitudinal extent. A spacecraft crossing this at right angles would
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be exposed to energetic auroral particles for only a few seconds. As the angle between
the orbit and the narrow auroral arc decreases, the time spent within the auroral band
increases. An orbit tangent to a relatively narrow arc could result in exposure to
energetic aurora electrons for tens of seconds, even if the aurora is not disturbed. The
bottom photo, taken during a different orbit of the same satellite, shows that the aurora
has a wider latitudinal extent during a geophysical disturbance, and, depending upon the
exact orbit, a spacecraft would encounter the energetic electrons for tens to hundreds of
seconds.

Auroras can last for one to two hours but there can be significant temporal
variations within that period. All-sky photos taken of an aurora show that the aurora can
change from a negligible glow to fill the field of view (900 km) in 2 to 3 minutes [94].
The altitude dependence of the electron density in an aurora is indicated in Figure 3.25
from a March 1978 event. This data only extends to 320 kn.

The particle distributions of auroral currents have been measured by instruments
on DMSP and STP P78-1 satellites [95-97]. This data was collected over a long period of
time and represents a statistical model of the auroral environment correlated to the
geomagnetic activity index, K,,. The satellites were in 800 to 900 km orbits. Figure 3.26
shows the integrated number of particles and total energy fluxes from these flights,
summed over latitude in each half-hour magnetic local time (MLT) for each value of K,,.

Similar data show that the high latitude electron precipitation region separates
into two parts based on the average energy. There is a region of relatively energetic
electrons (E > 600 eV) and one of lower energies.

In the energetic electron region, the average energy of the precipitating electrons
has significant magnetic local time (MLT) variation, but in general, is highest on the
morning side of the auroral oval. Note that MLT is defined such that the Earth-Sun line
on the magnetic equator is local noon. There are two local maxima in energy; the first
between 0600 and 1200 MLT and the second within several hours of midnight. The
characteristics of these two maxima are given in Table 3.2. Note that the average energy
of the post midnight maximum is between 3 and 5 keV in the latitude range between
63 0 and 67*

The less energetic electron region extends from the edge of the energetic electron
region to the pole. The majority of the precipitating electrons at high latitudes have low
energies. The highest number fluxes are found on the day side. Within the day side
region of less energetic electron precipitation, there is a clear pre-noon maximum for all
values of KP < 6 (Table 3.3).

In addition to the average statistical auroral models given above, there are
"worst-case" environments that can be experienced. These severe charging environments
appear on the night side of the aurora and can have electron current density values up to
10 nAlcm and characteristic energies of up to 15 keV. The ambient thermal plasma
(E < 2 eV) also varies. At times, severe auroras can be accompanied by low ambient
plasma density.
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Table 3.2
Prccipitating Elcctron Encrgy Variations (Mid Lititudc)

(A) Post-Midnight Maxima

K Average Energy Flux Magnetic MLT
K Energy (keV) (keV/cm -sec-ster) Latitude (0)

0 3.90 1.57 x 107 64 2300-2330
1 3.20 1.48 x 108 66 0230-0300
2 3.78 3.90 x 108 65 0130-0200
3 3.93 6.98 x 108 65 0130-0200
4 3.46 7.10 x 108 66 0000-0030
5 9-

6- 5.87 1.67 x 109 63 0230-0300

(B) Prc-Noon Maxima

K Average Energy Flux Magnetic MLT
Energy (keV) (keV/cm -sec-ster) Latitude (0)

0 2.97 2.16 x 107 71 1400-1430
1 3.90 6.34 x 107 70 0930-1000
2 5.68 1.07 x 108 70 1030-1100
3 5 4 C 1.38 x 108 69 1000-1030
4 5.02 9.42 x 107 67 1000-1030
5 4.81 1.33 x 108 66 0930-1000

1.80 1.06 x 10 65 0930-1000

3.3.2 Discussion of Interaction

3.3.2.1 Background

Data on this type of interaction has been obtained over the past few years from
instruments on DMSP satellites [98,99]. These instruments have shown that, during a
severe event, the structure potential can change rapidly over a period of seconds. For
example, a charging event in which the DMSP structure potential reached -440 volts is
shown in Figure 3.27. This event occurred when the satellite was in darkness. A factor
significantly contributing to this level of charging was that the local thermal plasma
density at that time was relatively low.

An important characteristic of this event was the rapid changes in potential. The
whole event was over in about 20 seconds and the peak voltages lasted only seconds.
The spacecraft potentials changed at the same time as the auroral particle intensities.
Note that the spacecraft charged as a complete unit and with negligible time delay. This
response is typical of a spacecraft experiencing "absolute charging" at geosynchronous
altitudes (Section 3.2.2.1).

- 47 -



12 JANUARY 1983

*, ,

N 109--*

z
o 108

I1 107 -
ILl

S .. E> 5keV

106 - E > 10 kV

I
102

1-

3585D 3587D 35890

UT

Figure 3.27 DMSP Charging Event: Environment and Induced Vehicle Potential

- 48 -



"l'hkl 3.3

PI C- Ni)kt.. l11 N''It It At l N u t1 I)- .r I -' i N 1 t I ItI LI 1

Av er-qc IrtegriI I nt e(yr l i Mj~j r 1 t i c
K ErICr- C, Nwm,;er F1 ox [.rl(lr'(y F lx Lati tud e ML I
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8 0
0 232 3.035 x 108 7.0.4 x 107 79 03800(-0830

1 272 3 x 1 8.45 x 107 78 0800-0830
- 63 10 ! 8 43 x 107 78 0930-1000 li

3 26 33.8 x 108 7. 03 x 1( 8 77 1100-1130
4 3.(1 1.95 x 108 74 0830-0900

465 4.10 x 10 1.66 x 10 73 0830.-09300

(B) Avcnrrzc Encrv Mirnium

K Averao Integral 2 Energy Flw<x Magnetic ML T
P Energy eV) (keV/cm -sec-ster) Latitude (0)

7
0 199 4 .57 x 107 81 1100-1130
1 183 4 .88 x 107 81 1130-1200
2 168 3.83 x 107 81 1130-1200
3 165 4 .44 x 107 79 1100-1130
4 162 3.96 x 107 78 1130-1200
5 147 3.18 x 107 78 1230-1300
6- 184 7.29 x 10 76 1200-1230

The longevity of charging conditions is illustrated by measurements made tb two
different DMSP spacecraft passing through the same event at different timnes and
trajectories (Figure 3.28) [96]. The spacecraft charged to similar levels even thouih
separated in time by 36 minutes.

The -440 volt structure potentials measured by DMSP are not expected to
seriously impact system performance. These satellites experienced this charging level on
several occasions while apparently not experiencing any anomalous system behavior. The
concern is directed more towards possible charging effects on very large spacecraft in
polar orbits. An initial analysis of a large structure encountering a severe auroral current
flux in darkness indicated that the structure could reach a significantly larger negati\e
potential than a smaller spacecraft (Figure 3.29) [100].

The relatively large electron current densities in an auroral beam must oe
balanced bv collection of ambient ions. The ion collection depends upon tile ratio of tile
spacecrn ch'!racteristic radius to the plasma characteristics (i.e. Debye length). Tile 1011

collection becomes space charge limited for large spacecraft ill DMSP orbits. As the
vehicle size expands the potential must become more negative to inhibit the electron
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c lection and enhance ion collection. Recent studies of large spacecraft behavior in
pr a r storms. using more sophisticated computer programs, are confirming that size is an
mr1p0rtInt flctor in charging magnitude. Under conditions where ion collection is orbit
limited. chirging is independent of spacecraft size [101-1041.

lPolar-auroral charging of large structures generates concern for possible
;t!tCia:Ictions between the structure and an astronaut on Extra Vehicular Activity (EVA)
[1I)5-10]. The astrnMaut could he differentially charged, especially in the vehicle wake.
It the chiliig levels are significant, then discharges could occur. This concept has been
tLidjIed. but no definite conclusions have been reached.

Another concern in this interaction is the rate at which charging occurs. In
uesv nch ronous chargng conditions, differential charging requires minutes to build up to

,ubt~~ntial levels. Polar-auroral charging events, on the other hand, are over in a matter
Of seconds, according to data available from DMSP. However, the auroral current
densities are between one and two orders of magnitude larger than those experienced in
gcosvnchronous substorms. This higher current density results in a far more rapid
development of differential charging. A comparison of differential charging development
under GEO and PEO charging conditions is shown in Figure 3.30. As can be seen,
differential voltagesC can build up in milliseconds under polar charging conditions. With
the more rapid development of differential charging comes the higher probability of
sudden discharges and system upsets.

3.3.2.2 .\k)(Ieli n,'

A three-dimensional computer code called POLAR, Potential Of Large Objects in
the Auroral Region, is being developed by S-Cubed for AFGL to evaluate polar-auroral
charging interactions for large space vehicles [101]. A POLAR model of the shuttle is
shown in Figure 3.31A and the prediction of ion density profiles is shown in Figure
3.31B. The Shuttle is moving in the +Z direction and creates a wake behind the vehicle
(cargo bay region). The plasma environment is vastly different in the wake region, from
that outside the wake, and must he considered when evaluating this interaction.

3.3.2.3 Discharges

There is no reason to believe that discharges following polar-auroral charging will
differ from those following geosynchronous charging. The charging can exceed the
discharge thresholds especially as the physical size of the vehicle increases. The resulting
disclimrcs may then interfere with spacecraft systems.

3.3.3 Research Maturity Rating

lhe research maturity for polar-auroral charging, both theoretical and
experimental, was rated MODERATE (3). The rationale for this rating is that the
ni plications of this phenomenon are just beginning to be studied. Auroral charging has

been stUdiCd for ma ny years, however the effects of vehicle size on possible charging
iccls is oniv a recent development (circa 1980). The environment characteristics are
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being assembled, and while a "worst-case" environment has been discussed, there is still
no indication how often such storms would be expected in orbit. The modeling effort has
produced the conputer code POLAR, but the code is still being validated and is not yet
available to the aerospace industry.

3.3.4 System Impact Rating

The system impact rating of polar-auroral charging is the same as that of high
.1ltitude charging discussed in Section 3.2.4, namely, it was rated CONSIDERABLE (4)
for polar orbiting missions. It was rated NEGLIGIBLE (1) for equatorial, low Earth
orbit and geosynchronous orbits due to the absence of auroral type energetic electrons.

3.3.5 Mitigation Techniques

The mitigation techniques for this interaction are the same as those for high
aIltitude charging (Section 3.2.5).

3.4 IIIGtt-VOLTAGE SYSTEM INTERACTIONS

This class of interaction is applicable to any system in which conductors, biased to
high voltages, are exposed to the space plasma environment. These conductors are
usually surrounded by dielectrics with only a small portion, if any, of the conductor
exposed. The interaction will be discussed in terms of a solar array operating at high
voltages (> 100 volts), but the effects of this interaction are applicable to other high-
voltage systems (e.g. exposed high-voltage wires in other types of power systems).

3.4.1 Interaction Environment

The environment of concern in this interaction is the thermal plasma environment
with characteristic energies less than 2 eV (Figure 3.32) [6]. It is this low energy plasma
that can interact with the electric fields generated by the voltage on the spacecraft. As
shown in this figure, the plasma density varies with altitude, peaking at about 300 km
with a density of about 3 x 106 particles per cubic centimeter. The variation of this
plasma with latitude is shown in Figure 3.33. The thermal plasma density falls off to less
than one particle per cubic centimeter at geosynchronous altitudes. Since this interaction
is directly proportional to the plasma density, it is of more concern at lower altitudes
where the density is greater than 10' cm - '.

3.4.2 Discussion of Interaction

3.4.2.1 Background

The interactions of concern here result from the operation of high-voltage systems
in the space plasma environment. This effect was first identified by a series of
experiments run in a plasma simulation facility during the late 1960s [108]. In these
experiments, a biased wire surrounded by a cylindrical dielectric coating was exposed to a
plasma environment in a vacuum chamber. Only the tip of the wire was exposed. It was
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SII t icitpatCd tht this tip would act as a plasmna probe and collect current as the voltage
incrCased until a[ saturation value was achieved. I lowever, the current collected from the
p ismti increaised dramaticailly once the bias exceeded + 100 volts. It was eventually
tound thit the dielectric surface contributed electrons to the collection process.
Additional testint has shown thlt bi ased plainar solar array segments behave in a similar
tIshi on [109-1211.

L.abIoratory tests have shown that there are two basic effects that occur when solar
array segments are biased to positive and negative voltages. When the array is biased
positive with respect to the plasma, electrons are collected. This collection is
proportional to the potential, the plasma density, and the metallic interconnect area.
When the potential exceeds 100 volts, the collected current becomes proportional to the
whole panel area (Figure 3.34) [122,123]. It has also been found that small pinholes in
dielectrics, which expose a biased conductor to the plasma, can also exhibit this enhanccd
current collection capability (Figure 3.35) [112,124-126].

When the array is biased negatively with respect to the plasma, breakdowns occur.
Breakdowns have an apparent threshold voltage which is plasma density dependent
[112,116,123] and apparently result when electric fields develop between solar cell
interconnect cavities. High-voltage interactions, discovered during laboratory testing with
plasma sir _ilators, have been verified by the Plasma Interaction Experiment (PIX) flights
[49.127,128-131].

Since the effects found in laboratory simulations are plasma density dependent,
this interaction will be more important in LEO and PEO. In GEO, the thermal plasma
density is so low that the voltage threshold, for which the effect becomes significant, is in
the tens of kilovolts range [116]. The high-voltage system interaction of concern to
prospective space systems is shown in Figure 3.36 [116]. This system consists of a central
body or spacecraft surrounded by two large solar array wings. The solar array is
assembled using standard construction techniques (i.e. the cover slides do not completely
shield the metallic interconnects from the plasma environment). These cell interconnects
are at various voltages depending on their location in the series-parallel array circuit.
Thus, the interconnects can act as plasma probes attracting or repelling charged particles.
At some location in the array, the generated voltage is equal to the space plasma
potential. Cell interconnects at voltages positive with respect to this point collect
electrons from the space plasma. Interconnects at negative voltages collect ions. The
system floats such that the net current is zero. The array floats predominantly negative,
since the electrons are more mobile than the ions. The electron and ion current
collection from the plasma can be considered to be a parasitic current loop representing
a power loss, since it is in parallel with the electrical load on the spacecraft.

The concentration of electric fields to cavities formed by the cover slides and
interconnects causes breakdown in the negative voltage regions of the array. These
breakdowns result in charge loss to the plasma and can momentarily interrupt power
generation. In addition to field concentration type breakdowns, there exists the
possibility of breakdowns between circuits. Imperfections in insulation and substrate
dielectrics, caused by long term environment exposure (via meteoroid/debris impacts,
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high energy ion sputtering, or atomic oxygen erosion in low Earth orbits), can cause
additional enhanced current collection and parasitic power loss. Carbonization of the
insulation due to discharges can potentially result in unintentional shunts of portions of
the array, and consequently, power losses.

3.4.2.2 Modeling

A three-dimensional computer tool to analyze low altitude solar arrays is being
developed by S-Cubed for the NASA-Lewis Research Center. This code, an outgrowth
of the NASCAP computer code, is designed to handle large planar solar arrays operating
in dense plasma environments, typical orbits between 300 and 600 km. At present, the
code, called NASCAP/LEO, will compute the floating potentials for a solar array
operating in a low Earth space environment [132-134]. The NASCAP/LEO capability is
demonstrated in Figures 3.37 and 3.38 by a small solar array model and the predicted
potentials. These figures illustrate the snap-over phenomenon [122] exhibited in the high
voltage solar array collection process. The ability to predict negative voltage breakdown
has not been demonstrated. The code predictions have yet to be validated.

In addition to NASCAP/LEO, there are other three-dimensional [135] and simple
current balance (based upon probe theory) models that have been used to predict array
performance in space [121,136]. These models appear to reasonably predict floating
potentials for arrays and their collected currents. The results of these computations have
shown that the collected currents, for an isolated solar array in LEO (300 to 500 kin), are
considerably less than 1% of the line current, for operating voltages up to 1000 volts.
Hence, plasma coupling power loss is probably not significant.

3.4.2.3 Concentrator Solar Arrays

Concentrator solar arrays have been proposed as an alternate to planar arrays.
This type of array uses a mirror to focus the sunlight onto a small solar cell. This
approach makes higher-efficiency, higher-cost gallium arsenide solar cells competitive to
silicon solar cells. A Cassegrainian solar array segment and cell design is illustrated in
Figure 3.39 [137]. This type of array contains a primary mirror, secondary mirror, and
light collector surrounding the small solar cell. No cover glass is required.

Only recently has a study been undertaken to evaluate the response of this solar
cell to a plasma environment [137]. A single cell was biased in a simulation chamber to
obtain the data shown in Figure 3.40. Power loss to space should be minimal, since there
was no positive bias snap-over condition exhibited. In fact, electron collection current
under positive biases tends to saturate. There were, however, discharges under negative
bias conditions at about the same threshold as with the planar cells.

A preliminary attempt at modeling high-voltage interactions with the concentrator
array was based upon this data using plasma probe theory [137]. It appears that the
voltages are all confined to the light catcher region of the cell and will not expand into
the space plasma (Figure 3.41 and 3.42). This may indicate that this type of array would
have less influence on the spacecraft potential relative to the space plasma.
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3.4.2.4 Dischun4cs

A further concern about high-,.oltage system interactions is the effect of array
discharges on power system performance. Negative-bias voltage breakdowns in solar
IIrravs have been studied for the past several years in laboratory simulators [112,116-
1 I8.122. 138-142]. The results initially were sumnarized as discharge threshold voltage
versus plasma density (or altitude), as shown in Figure 3.43. Subsequent work has
iidicated thit there is a time dependence as well. Thus, it is more appropriate to discuss
ltmcakdo\wns in terms of arcs per second [143]. Arc breakdown rate information has been

,ssembled t~r the Space Station, based upon a combination of gtrou nd data and spice
flight rcults (Figure 3.44). This data base is still incomplete because a discrepancy exists
betwcen the svrce and (rounrid data. A breakdown voltage threshold Of about -21) to
-"51) voits seems to exist for LEO conditions.

An analvsis of a specific power system configuration is required to determine the
rcsponse to array discharges [136]. A discharge in a solar array could P1rCLtcC
oscillations in the power supplied to the load. It may or may not shut down the array
[144]. The question of long term degradation, resulting from the discharges, has also not
vet been resolved.

A second form of discharge phenomenon could arise from the operation of solar
arravs at high voltage. This phenomenon has been called "zenering" [59] or "enhanced
cicctron emission [64,145] and has been studied only in the laboratory. The
phe nomenon appears to be related to illumination of a biased array exposed to a plasma
in a laboratory chamher (Figuires 3.45). The characteristics of the discharge are that the
floating potential changes for minutes at a time and the monitoring signal is exceptionally
noisy (Figure 3.46). It appears that mall discharges continually occur and may cause

spiZce system bypass diodes to fail [146]. However, the phenomenon has not bccn
studied sufficiently to assess its true impact.

3.4.2.5 Power Transmission Alternatives

It has been proposed that some space power system plasma interactions could be
minimized if power generated on the array, at a design voltage consistent with space
environment interactions, was transmitted to the lo ,d via an AC transmission line
[147,148]. This space power system would more closely resemble a ground commercial
power plant (Figure 3.47).

The frequencies considered for operating this transmission line for the NASA
Space Station are usually given as either 400 or 20,000 Iz. The high freCluencv level is
near the ion resonance frequency for the ion densities expected in low orbits (F i(ure
3.47). Operation at a naturally resonant frequency could increase conup1 ing, causiIng a
power loss in the system. Such a loss has been discussed, but no caleula otions are
ava i able to luantify the severity of the interaction. The 20 k I z operating frequency
is also in the range of the possible discharge durations (up to 50 psce or long-er). This
CM(ClI lead to a resimance effect in the circuit which may not have been adclq uatclv
CV,1ILK~tCd.
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3.4.3 Research Maturity Rating

This inte rIct ion hs been studied over the past 17 years in both laboratory and
A uxi'11iav pay load SpaIC experiiments. The state of knowvledge of the interaction, however,
i., nt0t complete. This is based upon incomplete NASCAP/LEO validation, lack of
c0m plete experimental data, inadequate scaling relationships, and the current state of
development of discharge models. Therefore, the maturity was rated MODERATE (3).

3.4.4 System Impact Rating

I ligh-xoltage system interactions with the space plasma have been rated as havingl

:a $t.'RIOLS (4) impact in LEO and PEO and a NEGLIGIBLE (1) effect in GEO.

3.4.5 Mitigation Techniques

Nlitintion techniques for this interaction are limited until the phenomenon is
better understood. One approach is to limit operational voltages to levels believed to be
s:ite ( < 200 volts). Treatment of the interconnects might be effective. Use of a biased
surrou1nding panel might cause the array to float at a more positive potential, decreasing
the likelihood for discharges. Finally, a plasma thruster may also keep the potential at a
more positive value, reducing the concern for discharges. None of these techniques have
been evaluated, tested, or optimized.
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4.0 HiGH ENERGY RADIATION ENVIRONMENT INTERACTIONS

This section considers interactions with the energetic particle environment. The
topics which will be discussed are: Radiation Damage to Electronics, Solar Arrays, and
Materials: Single Event Upsets; and Radiation Hazards to Man-In-Space.

4.1 GENERAL ENVIRONMENT DESCRIPTION

This environment consists of particles with energies in the range of 100 keV to
hundreds of MeV and even higher for cosmic rays. These particles are a factor in the
design of future large spacecraft, since they penetrate through the exterior skin of the
vehicle into the interior. The three elements of this high energy environment to be
discussed are: th- trapped radiation belts, solar flares, and cosmic rays.

4.1.1 Trapped Radiation Environment

The National Space Sciences Data Center, located at NASA Goddard Space
Flight Center, has developed and maintains models of the trapped electron and proton
environments in the magnetosphere [149-152]. Other models are also available [6,153].
This information is available as maps of energetic particle fluxes, which are usually given
in terms of isoflux contours (particles/cnF-sec) for electrons and protons having energies
greater than 0.5 MeV. Figure 4.1 and 4.2 are examples of such isoflux contour plots.
Note that the inner and outer radiation belts are defined by these contours.

A

The inner radiation belt is a toroidal region, predominantly comprised of energetic
electrons, at altitudes between 1 and 2 R9 (6.4 to 12.8 x 10' km). The outer belt is a
somewhat larger region, predominantly protons, centered about a geocentric distance of
approximately 5 R. The plasma sheet is the main source of most radiation belt
particles. In addition, some high energy inner belt protons are decayed neutrons, trapped
after being emitted as by-products of cosmic ray interactions with the atmosphere.

While the isoflux r. ", seem to indicate that the energetic particle environment
only exists above 1000 km (Figure 4.3), this is not true for all orbits. There is a region
between South America and Africa where the energetic environment extends to lower
altitudes. This region is referred to as the South Atlantic Anomaly (Figure 4.4) [6]. Low
inclination equatorial orbiting spacecraft can enter this region periodically (Figure 4.5).
High inclination orbiting vehicles can also transit this region. In addition, the energetic
electron regions extend to lower altitudes in the polar regions as illustrated in Figure 4.5
for a 400 km orbit. These environments are significant for spacecraft in LEO and PEO.

4.1.2 Solar Flares

Periodically, the Sun emits very energetic protons, alpha particles, and, at certain
times, electrons. These events, part of the more generalized disturbance known as solar
flares, are divided into two categories: ordinary and anomalously large.

The occurrence, intensity, duration, and distribution of energy in Solar Particle
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Events (SPE) are highly unpredictable, although there is strong correlation with the
eleven year solar cycle. Near sunspot maxima (1968, 1979, 1990) approximately 5 to 6
significant events can be expected per year. Near sunspot minima (1963, 1974, 1985,
1996) few significant events are expected. Based upon solar cycles 19 and 20 [154-155],
the most intense events (November 12, 1960 and August 4, 1972) tend to occur 36 to 45
months after the peak in sunspot number. These events can dominate the radiation dose
received by a long-lived satellite mission and are highly significant to astronaut safety and
system effectiveness. For example, the SPE events of August 1972 contributed over 80%
of the total radiation dose experienced during the entire solar cycle 20.

Although SPEs occur randomly, real-time observations of the solar disk in optical
and radio wavelengths can reliably indicate whether major events have occurred.
Depending upon the location of the flaring region on the Sun, solar observations can
determine, within hours, when the effects will reach Earth. The duration of an SPE can
be from a few hours to several days, as was the case of the intense SPE of August 4-9,
1972 [156]. During an SPE, near-Earth space, from the magnetic poles to about 600
geomagnetic latitude (magnetic L-shells > 4), experiences solar particle bombardment.
Spacecraft located on magnetic field lines that have their origin within the SPE region
(Figure 4.6) experience a nearly omnidirectional flux of solar particles.

The energy spectrum of solar flare particles incident on a spacecraft is highly
dependent upon altitude and orbit inclination, due to geomagnetic shielding. For
example, satellites in GEO experience the flux continuously for the duration of the event.
Polar orbiting spacecraft, on the other hand, are affected for the duration of their orbit
spent above the equatorward cut-off latitude. In the polar regions, the energetic solar
proton flux in a large SPE exceeds the normal cosmic ray flux background by several
orders of magnitude. The fluxes seen by a spacecraft in a 426 km polar orbit, for both
ordinary and anomalously large events, are illustrated in Figure 4.7.

4.1.3 Cosmic Ray Environment

The cosmic ray environment is an interstellar, ionized gas that permeates the
entire solar system [157]. Outside of the Earth's magnetic field, it provides an
omnidirectional flux of ions ranging from hydrogen to nickel, with particle energies
ranging from 106 to 10° eV. The effluence of these particles for a quiet period during
solar minimum is shown in Figure 4.8 while the flux for a disturbed period during solar
maximum is shown in Figure 4.9. Note that particles with the same rigidity, or E/m ratio,
behave similarly regardless of atomic species. Thus, it is traditional to plot the spectrum
in units of MeV/atomic-mass-unit. Also note that the disti -, I1 periods include small
solar flares.

The Earth's magnetic field effectively shields regions of space from these cosmic
ray particle fluxes. This is illustrated in Figure 4.10, which shows the expected cosmic ray
environments for a solar minimum disturbed period in a 426 km orbits with a 30 * or
90' inclination. This environment is of greatest concern for polar and geosynchronous
orbits, but is less important for low inclination Earth orbits.
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4.2 RADIATION DAM.GE

4.2.1 Interaction Environment

The trapped radiation and solar flare environments discussed in Section 4.1.1 and
4.1.2 are applicable to this discussion. A major concern is the total radiation dose that
accumulates over the mission life. The environment is usually obtainLd from NASA
models (currently, AE-5 for electrons and AP-8 for protons). Computer codes such as
ORB and ORP 1149] or SOLPRO [160] are used to determine the radiation flux seen by
a spacecraft in a given orbit. The Earth's magnetic field would shield a spacecraft from
solar flare events for a low inclination earth orbit. The solar flare flux is averaged over
the mission life and then factored into the computations to determine the radiation levels
in polar and geosynchronous orbits.

4.2.2 Discussion of Interaction

The response of electronics, solar arrays, and materials to radiation exposure will
be discussed in this section.

4.2.2.1 Electronics

Radiation shielding analyses of spacecraft systems have been performed for
several years [1611. The objective is to determine the amount of shielding, either
spacecraft structure or other surrounding materials, necessary to protect electronic
components. If the radiation dose to electronic components exceeds specified levels,
then parts can deteriorate, resulting in system performance degradation or even system
failure. The attenuated radiation reaching a given component from all directions must be
computed to determine the total radiation dose. The attenuation through a given
material (e.g. spacecraft wall) can be computed using either sphere or slab models [162].

The example shown in Figure 4.11 indicates that, for a given radiation
environment, a total dose of 10' rad (Si) would exist within the spacecraft, after
attenuation by a 200 mil thick structure. This total dose (outside the box walls), can be
tolerated by most electronics [16,17]. If the structure thickness is not adequate to
provide the required attenuation, then the analysis must also consider any attenuation
due to material between the spacecraft wall and the actual components. Total dose
tolerance levels, determined from experimental data, for some typical components are
shown in Figure 4.12. As can be seen, the CMOS, NMOS, and PMOS components
become questionable at levels of 10' rad (Si) and can fail at levels of 10' to I0P rad.
These parts, if required for a spacecraft system, must be protected to function properly
for the mission duration. If necessary, spot shielding on the component may be used to
provide the required level of protection. A safety factor of two between the predicted
radiation level and the component susceptibility is usually desired.

The solar flare environment discussed in Section 4.1.2 has a large impact on
spacecraft systems in polar and geosynchronous orbits. Significant component damage
arises from effluence effects. Protons in the tens to several hundred MeV range are very
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penetrating, and one large flare can be as damaging as years of on-orbit operations in the
normial, ambient mignetospheric environment. Intense long-term exposure to high
energy proton fluxes produces crystal-lattice structure damage in solid state devices,
which could result in component failure. The effects of large doses of heavily ionizing
radiation on electronics have been investigated. The damage/flux curves for components
are avaik,,ble in many cases. The dose at which individual components fail varies, but
most modern electronic space components will suffer some degradation.

4.2.2.2 Solar ArraYs

It is well known that solar array performance deteriorates in a radiation
environment. The study and evaluation of this interaction is a mature technology and
will only be briefly summarized here [166,167].

Computer codes have been created to predict the performance of solar arrays in a
space environment, as a function of constituent materials and required time on orbit.
Array degradation is usually determined experimentally or by use of prior flight data.
Tic end of life power requirement is established by the mission plan. If the predicted
power is inadequate, the array size has to be increased or additional protection (usually
thicker cover glass) must be added.

4.2.2.3 Materials

The effect of radiation on the mechanical properties of composite materials,
proposed for use on future spacecraft, has not been fully explored [168-175]. The data
available to evaluate this effect is limited. Initial characterization of polyimide, epoxy and
polysulfone films, and graphite reinforced composites has shown that significant chemistry
changes occur during irradiation. The threshold for these changes is 10P rad. Major
changes in mechanical properties have not been found. Additional long-term testing is
planned to resolve this inconsistency.

4.2.3 Research Maturity Rating

The research maturity of these interactions was evaluated only for polar and
geosynchronous orbits since the Earth's magnetic field shields the spacecraft from most
of the high energy flux in LEO. The rating is CONSIDERABLE (4) for both the
experimental and theoretical maturity for electronics and solar arrays, while
MODERATE (3) for materials.

Radiation shielding analysis of spacecraft for space operations has been conducted
for many years. These studies verify whether electronics used in spacecraft systems will
survive the space radiation environment. Sufficient testing has determined the threshold
levels for degradation and part failure. The maturity is NOT rated COMPLETE (5)
because new parts are becoming available for space applications, and the reaction of
these parts to space is not known. This argument also applies to solar array technology.

The maturity of rch on radiation damage to materials is MODERATE (3)
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because of the incomplete data available on composite responses to the natural radiation
environment. The behavior of metals in spacecraft, however, is well understood. The
future trend is to use composites rather than metals, and the effect of this transition on
future, large spacecraft is unknown.
4.2.5 System Impact Rating

The system impact of radiation damage interactions for electronics and solar
arrays is LARGE (4). Degradation or failure of an electronic component in a system
could have a catastrophic impact. The technology is mature, possible failures are
recognized, and shielding can be provided. Solar array degradation in the radiation
environment must be known to ensure that the array will function throughout the
mission. This technology is also mature and capable of accomplishing this task.

The system impact for radiation damage for materials is MODERATE (3). The
changes in the material properties of the new composites, while significant, has not yet
been determined to be a threat to spacecraft structures.

4.2.6 Mitigation Techniques

The standard mitigation technique to protect electronics from excessive radiation
damage is to increase the shielding thickness around the components. This can be
accomplished by increasing the spacecraft wall thickness, the box wall thickness, or spot
shielding around the delicate component itself. Trade-off studies optimize the shielding
for the least impact to weight and volume resources.

Shielding is also the best way to mitigate against the effects of solar proton events.
The arrival of these solar particles in the region around Earth can be predicted from
observations of the Sun and environmental mode. g analysis. Operational spacecraft
can expect to experience several solar flare events, in periods of maximum solar activity,
during their mission life. Since designers are attempting to extend mission life beyond 10
years, all spacecraft will have to operate in active periods. Thus, shielding must
compensate for the additional effluences expected.

Current investigations of structural materials will determine the protection
techniques necessary to avoid radiation damage. The use of thin coatings is one possible
technique to protect the material from the environment.

4.3 SINGLE EVENT UPSETS (SEUs)

4.3.1 Interaction Environment

Most Single Event Upsets are caused by cosmic rays and high energy protons.
The cosmic ray environment was discussed in Section 4.1.3 and the high energy protons
of the trapped radiation belt in Section 4.1.1. As was mentioned earlier, the Earth's
magnetic field shields low inclination, low altitude spacecraft from cosmic ray and
energetic proton effects.
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4.3.2 Discussion of Interaction

SEUs occur when a high energy ion (from a cosmic ray or solar flare) or energetic
proton (from the trapped radiation belts) penetrates a semiconductor device (Figure
4.13). There are several upset mechanisms [3,176-189]: (1) Direct ionization of the
semiconductor; (2) Ionization by recoil nuclei and alpha particles from nuclear reactions;
(3) Memory' cell discharge; (4) Transients induced in bit lines; and (5) Latchup. A list
of satellites that have experienced SEUs is given in Table 4.1.

As an energetic particle penetrates a device, it loses energy by ionizing the silicon
along its path. The rate of energy lost along the penetrated path is called dE/dx,
stopping power, or Linear Energy Transfer (LET). An electron-hole pair is created in
silicon for every 3.6 eV of energy lost. Strong local electric fields (as occur in the
sensitive volume of a memory cell) can cause electrons or holes to be collected. If the
ionizing particle has a large enough LET, then sufficient charge can be collected within
the sensitive volume to cause a state change (bit-flip).

The threshold quantity of charge required for the bit flip is called the critical
charge and is a function of the device size and operating characteristics. As shown in
Figure 4.14, a 2 micron unhardened device has a critical charge of about 0.1 pC. A
single 100 MeV/nucleon iron cosmic ray nucleus can deposit this critical charge in the
sensitive volume of a 2 micron scale device. Such particles exist in PEO and GEO.

Table 4.1
Operational Satellites that Experienced Single Event Upsets

TIROS-N
DMSP

Satellite Data System
NAVSTAR/GPS

Solar Maximum Mission
Landsat D
Voyager

Pioneer Venus
LES 8 & LES 9
Intelsat V

TDRSS

The LET of protons is too low to generate the critical charge in the sensitive
volume of current generation devices. However, protons can undergo nuclear reactions
with the silicon. The reaction products (recoiling silicon atoms or magnesium atoms and
alpha particles) have much higher LETs, and can cause the upsets.

The bit flip is a "soft" error, that is, it is easily corrected (though its consequences
may not be). Hard errors, such as latchup, can also occur. For example, current paths
between adjacent p-channel and n-channel devices in CMOS chips can be created by
cosmic ray ionization. The resulting high currents can lead to device burnout if not
corrected. The threshold for bit flip is typically higher than the threshold for latchup.
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The susceptibility of various digital components to single event upsets has been
studied in ground tests for the past several years. The upset rate (R = flips/bit-day) for a
given environmental condition can be estimated from the following equation:

KA
R = (LET)2

where: K = proportionality constant
A = upset cross-sectional area
LET = Linear Energy Transfer (measured by ground tests)

Tests can be run on specific devices to determine values for the quantities
necessary to estimate upset rates [190-192]. Lists of device susceptibilities are available
and a typical set of data is reproduced in Table 4.2 [192]. The components from Table
4.2 that experienced latchup are identified in Table 4.3.

4.3.3 Research Maturity Rating

The maturity level of single event upsets was rated CONSIDERABLE (4) for both
analytical and experimental studies. There have been many studies of this phenomenon,
both experimental and analytical. The rating would have been COMPLETE (5) if the
ground tests agreed better with behavior in space. The ground results indicate a higher
susceptibility than space data.

4.3.4 System Impact Rating

The system impact for these interactions was rated LARGE (4) because SEU
random events could have serious impact on future, automated systems. Many spacecraft
rely upon on-board computers for all operations, especially planetary missions. The
memory of these computers could be upset by energetic particles and the mission could
be lost due to the long time required for uploading corrective commands. Many existing
spacecraft experience SEUs and sometimes entire systems must be reset.

4.3.5 Mitigation Techniques

Procedures have been established to deal with situations where SEUs and latchups
cause problems. A systems engineering review of a suspected system is usually
conducted. If an event could result in an intolerable system impact, then the component
should be replaced with one that is more immune to upsets. In addition, multiple parts
could be used or error detection codes and/or multiple circuits could also be installed to
circumvent upsets. The latter choices are based on the opinion that not all components,
or bits in a word, would be affected simultaneously by cosmic rays. At times, if an event
cannot result in a serious operational problem, no changes are made. A simple thing like
replacement of an integrated circuit can require extensive, and expensive, requalification
of systems and even of the complete spacecraft.
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4.4 RADIATION HAZARDS TO MAN-IN-SPACE

4.4.1 Interaction Environment

The trapped radiation and solar flare environments discussed in Sections 4.1.1 and
4.1.2 describe this environment.

4.4.2 Discussion of Interaction

The radiation hazards that man operating in a space environment might encounter
will be discussed [94,106,107,193,149]. Both biological and equipment interactions are
considered. The equipment used for Extra Vehicular Activities (EVAs) is illustrated in
Figure 4.15.

The biological effects of energetic particle radiation on man have been studied for
years [194]. There is concern for the cumulative effects of this dosage on the various
parts ot the body, with the eyes being a particularly sensitive area. Eye flashes have been
observed in response to certain radiation fluxes. Eye flashes could provide false sensory
input as well as involuntary reactions and discomfort. Blindness could result if an
astronaut was exposed to the radiation from a major solar flare.

The EVA suit that the astronaut wears is a self-contained spacecraft with its own
system electronics. These systems could experience SEUs as do other spacecraft systems
responding to high energy fluxes and cosmic rays. While exposure time in the spacesuit
is usually short (on the order of hours), the spacesuit provides less shielding. The
possible radiation effects on manned operations in space should be carefully reviewed.
This is especially true for operations in polar, transfer, and geosynchronous orbits where
high energy flux encounters can be expected.

4.4.3 Research Maturity Rating

Biological effects of radiation have been under investigation for years. The goals
of these studies included establishing cumulative dose limits for various conditions such as
exposure time, parts of the body irradiated, and type of irradiating particle. The maturity
for both analytical and experimental areas was rated CONSIDERABLE (4).

4.4.4 System Impact Rating

The potential system impact rating has been established as LARGE (4). This
would be applicable to polar and geosynchronous orbits. The probability of encountering
high energy particle fluxes in low inclination earth orbits is too low to make this
interaction important. The system impacts of both biological and electronic systems have
to be considered. Failure could have analogous effects in either case.

4.4.5 Mitigation Techniques

The mitigation techniques suggested for this interaction are to limit time spent
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outside the spacecraft in those orbits where high energy particle encounters are possible,
particularly following solar flares resulting in energetic solar particles. There should be
sufficient warning of the expected arrival of energetic solar particles so that the
astronauts could return to their spacecraft where the shielding should be adequate. Such
a flare could interrupt or prevent them from completing the operations planned for the
EVA. An anomalously large flare, such as occurred in August 1972, could force
premature termination of a manned mission.
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5.0 NEUTR.AL ENVIRONMENT INTERACTIONS

Interactions between spacecraft systems and the Earth's neutral environment are
discussed in this section. The interactions considered are: Atmospheric Drag, Atomic
Oxygen Surface Erosion, Surface Glow (Optical Contamination), and Sputtering. The
environment common to each of these interactions is described below.

5.1 GENERAL ENVIRONMENT DESCRIPTION

The environment of concern here extends between 60 and 1000 km. Prior to
fliglht of the Shuttle, this environment was expected to influence only drag and orbital
heating. Shuttle flights have shown that the interactions with the neutral environment
can have additional serious consequences for large spacecraft.

Neutral density varies with altitude and solar activity (Figure 5.1) [6]. The neutral
particle density exponentially decreases with altitude so that above 1000 km interactions
become negligible. A nominal neutral atmospheric temperature profile is shown in
Fig'ure 5.2. In the lower thermosphere (100 to 300 km), solar radiation is absorbed
causing temperatures to increase with altitude. Above 300 km, the temperature is
isothermal since little or no solar radiation is absorbed. These values, however, can
change from about 6500 to 21000 K due to solar and geomagnetic activity.

Composition of the neutral environment also changes with altitude (Figure 5.3)
[6]. At altitudes below 100 kin, atmospheric gases are mixed thoroughly by wind
turbulence. Above 100 km, gravity separates the gases so that the composition is a
function of altitude. Molecular nitrogen (N2 ) is the dominant species in the neutral
environment to altitudes of 200 kin, where the density of molecular nitrogen and atomic
oxygen (0) are equal. Above 90 km, extreme ultraviolet solar radiation causes molecular
oxygen to dissociate into atomic oxygen. From 200 to about 650 kin, atomic oxygen is
the dominant species. Above this altitude, helium (He) is the dominant species.

5.2 ATMOSPIIERIC DRAG

5.2.1 Discussion of Interaction

The interaction considered involves resistance to motion through the neutral
environment. This is a density dependent interaction and has a more serious impact at
lower altitudes. One of the more significant results ot this interaction is orbital decay
and eventual reentry of the vehicle into the Earth's atmosphere. For LEO spacecraft,
the drag force is [195]:

F = (1/2) CApV2

where: C0 = drag coefficient A = effective cross-section area
p = atmospheric density V = spacecraft velocity

Atmospheric drag is more significant as spacecraft altitude decreases and as the
spacecraft ram direction surface area increases. The effect of drag on spacecraft at
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various altitudes, assuming a constant frontal area (A) and a drag coefficient of two, is
illustrated in Figure 5.4. Recall that drag is also a function of spacecraft velocity and
atmospheric density. The drag on a spacecraft in a 400 km orbit is comparable to that of
a satellite at 600 km with a ten times larger frontal area. Thus, drag will be an important
factor affecting future, long mission, low orbiting, large spacecraft. Finally, for future
vehicles to safely and efficiently use aerobraking, a partial entry into the upper
atmosphere for orbital changes, one must have adequate knowledge of neutral
environment conditions at various altitudes.

5.2.2 Research Maturity Rating

Atmospheric drag has been studied for many years. The variation with altitude
(above 90 kin) is well established and the prediction of drag effects is reasonable.
Between 60 and 90 km the environment is not well understood and the capability to
predict drag effects is limited. Thus, the maturity was rated MODERATE (3).

5.2.3 System Impact Rating

The system impact for this interaction was rated CATASTROPHIC (5) for LEO
and PEO. This rating was given since atmospheric drag will decrease the velocity of a
spacecraft. Once the spacecraft station keeping capability is lost, the orbit will decay
until the system is destroyed by reentry.

5.2.4 Mitigation Techniques

The mitigation techniques to offset the effects of this interaction are: (1) Reboost
the spacecraft to a higher altitude when necessary; (2) Design to minimize drag; and (3)
Improve knowledge of the environmental conditions that effect drag at all altitudes.
Reboosting has to be accomplished carefully if there will be accelerating forces on fragile
spacecraft appendages.

5.3 ATOMIC OXYGEN SURFACE EROSION

5.3.1 Discussion of Interaction

The neutral environment becomes increasingly significant to spacecraft as orbit
altitude decreases. Orbital velocities are on the order of 8 km/sec for Shuttle. The
effective energy of particles incident on surfaces facing in the direction of motion is
determined by this velocity. The most abundant neutral constituent at these altitudes,
atomic oxygen, has an incident ram energy of 5 eV. This energy is large enough to cause
erosion of surface materials and surface property changes.

Material erosion was seen after the return of the first Shuttle flight and was
identified as an erosion problem by the end of the third flight [197]. The erosion
phenomenon, presumably due to atomic oxygen, has been the subject of several ground
and Shuttle experiments [198-209]. Experiments on flights STS-3 and STS-8
demonstrated that many spacecraft materials experience surface oxidation and adverse
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changes in optical and physical properties after as few as 40 hours of exposure.

The materials that are most reactive to atomic oxygen include Kapton, Mylar,
Kevlar, silver, osmium, and carbon. The influence of atomic oxygen on typical spacecraft
materials is summarized in Table 5.1 [210]. An illustration of this material loss is shown
in Figure 5.5 [211]. A 0.5 mil Mylar sample, returned from the STS-8 mission,
completely disappeared (Figure 5.5A) after exposure to a flux of 3.5 x 1020 atoms/cm2 ,
while the portion covered by the sample holder remained (Figure 5.5B). Analysis after
the flight showed some of the Mylar had deposited back onto the sample holder,
indicating a possible contamination aspect to the erosion problem.

Research on material erosion, due to atomic oxygen, was not extensive prior to
the Shuttle observations. Snuttle flight experiments have been phenomenological in
nature. The reaction rates for a large number of materials were determined (Table 5.2).
The experiments produced a useful data base and resulted in specific design
modifications for several spacecraft under construction. The flight data has been
supplemented by ground testing which showed that atomic oxygen caused the erosion and
that materials can be tested in the laboratory for their susceptibility.

Data from Shuttle flights was obtained using small material samples with limited
space exposure. This data indicates that Kapton and Mylar are particularly susceptible to
atomic oxygen erosion. It has been estimated that approximately 2 mils of Kapton would
be eroded per year. This implies that polymer films commonly used for thermal blankets
and solar array substrates could be completely lost after only a few years in space. This
is of particular concern since plans call for newer, larger satellites to use thinner
materials. In addition to the concern that materials can be altered or completely eroded
away, the remnants from this process could be deposited on other surfaces, causing
contamination. While most metals seem to be insensitive to atomic oxygen erosion, silver
and osmium, widely used for optical coatings, do oxidize rapidly. This would seriously
impact the operation of reflectors and sensors.

The results of system impact studies have been released for only samples returned
from the Solar Maximum Spacecraft. Thus, extrapolation of experimental data to larger
surface areas must be done carefully. For example, the only large article returned from
space, to date, has been a thermal blanket section from the Solar Maximum spacecraft.
The impact due to oxygen erosion on its 2 mil Kapton outer layer was reported as
negligible (only slight discoloration) after 4.2 years in a 500 km orbit. If the blanket was
facing in the ram direction, the Kapton should have completely eroded, based upon
experimental data. This discrepancy has not been resolved.

Surface properties of materials can be altered by pitting and erosion from this
interaction. The surface changes can affect such properties as reflectivity, solar
absorptivity, and secondary emission. These changes would compromise the operation of
optical surfaces, sensors, and thermal blankets.
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(A) Ram Exposed Mylar Disk

(B) Mylar Disk UV Control Sample

Figure 5.5 Mass Loss on 0.5 mil Mylar Disk
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Table 5.1
Atomic Oxygen Surface Erosion: Highly Reactive and Non-Reactive Materials

Highly Reactive Non-Reactive

Materials Materials

Kapton (Clear and Black) Aluminum
Mylar Germanium
Kevlar Gold
Epoxy HOS-875 Metal

Polysufone Iridium
Tedlar (White Clear) Lead

Black Conductive Urethane Magnesium
Glassy and Amorphous Carbon Magnesium Fluoride

Graphite/Epoxy Molybdenum
Graphite/Polymide Nickel

Polyethylene NiCr
Polymethylmethacrylate Palladium

RTV-560 Platinum
Silver and Silver Foil Solder

Osmium Tantalum
Tophet 30 Metal

Tungsten
Paints V2000

A276 (White)
Z302 (Glossy Black) Paints
4306 (Flat Black)

401-C0 (Flat Black) 
S13G-LO

P1700 YB-71 (ZOT)
Z0853 (Yellow) GSFC (Green)

MS74 (White)

Fibers
Oxides

Kevlar

Gore-Tex Indium Tin Oxide
Nomex Aluminum Oxide
Viton Silicon Dioxide

Titanium Dioxide

Table 5.2
Atomic Oxygen Mass Loss Rates

Material Surface Erosion (mils/yr)

Kapton 2.4

Mylar 2.8

Teflon 0.025
Silver 8.4

Aluminum 0.0003
Black Conductive Urethane 4.6

Chemglaze Z302 3.1
Carbon 3. 1

Indium Tin Oxide 0.0003
Epoxy 1.9

Note: Assumed Flux = 2 x 1021 cm-2 yr- 1 (Solar Cycle Maximum)
Altitude = 500 km
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5.3.2 Research Maturity Rating

The practical engineering aspects of atomic oxygen erosion are well understood,
leading to a research maturity rating of CONSIDERABLE (4) for experiments.
However, it is impossible to make even a qualitative prediction about reaction rates for
untested materials. The analytical maturity rating is MODERATE (3) since the
theoretical aspects of the interaction are not well known.

5.3.3 System Impact Rating

Atomic oxygen interactions with materials can have CATASTROPHIC (5) impact
on spacecraft system performance for satellites in LEO and PEO. Since there is little
atomic oxygen in GEO, the interaction was rated NEGLIGIBLE (1) for those orbits.

5.3.4 Mitigation Techniques

Several mitigation techniques have been proposed to minimize the effect of
atomic oxygen erosion. The easiest method is to avoid using highly reactive materials.
When these materials must be used, controlling vehicle attitude to minimize the amount
of exposure to critical surfaces can effectively reduce erosion. Finally, the use protective
coatings, such as paint, can further mitigate the effects of atomic oxygen erosion when
sensitive materials must be used. Further evaluation of atomic oxygen surface erosion is
needed, especially the impact due to spacecraft orientation and orbital altitude
parameters, since material losses may not be as severe as Shuttle data would indicate.

5.4 SURFACE GLOW

5.4.1 Discussion of Interaction

Surface glow [213] was first observed on the Shuttle by the STS-3 low light
television experiment [214-217]. This glow was observed to be a diffuse, low-visual-
intensity layer of enhanced luminosity on, and adjacent to, those surfaces facing in the
velocity or ram direction (Figure 5.6). The glow was further measured on subsequent
shuttle flights. It was found to extend a maximum of 10 cm from the surface and has
been observed predominantly in the 4200 to 8000 angstrom region. The glow intensity is
enough (10 rayleigh) to seriously interfere with optical sensors on future missions.

Currently, three mechanisms have been proposed as the cause of surface glow
[218-223]. The first is an atomic oxygen reaction, since glow seems to correlate with the
atomic oxygen environment. However, this seems to be contradicted by experiments on
surface glow, since intensity can be greater over non-reactive surfaces. The second
mechanism is a complex dissociation-recombination process dependent on the energy
associated with the Shuttle velocity. This process can be represented as follows:

i) N2 * 2N
ii) N + 0 * NO

iii) NO + OX * N0 2 + X
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Figure 5.6 Shuttle Glow on STS-3
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In step (i), molecular nitrogen (N2 ), impacting shuttle surfaces with a relative
energy derived from the vehicle velocity, dissociates into atomic nitrogen (N). This, in
turn, combines with atomic oxygen (0) to form nitric oxide (NO), part of which adheres
to the surface. The NO then reacts with 0 via a third body (X) to form NO 2 which is
liberated. The observed luminosity is postulated as the recombination continuum of
NO 2 , with the intensity determined by the surface properties of the sample material (X).
The observed broad continuum spectrum is consistent with the 2B1 state of NO 2 . This
theory is supported by mass spectrometer data, showing the presence of NO, and
laboratory experiments, which have demonstrated the high efficiency of the 3-body
formation of NO 2 . Recently, it has been pointed out that there is sufficient atomic
nitrogen (10' to 107 cn 3 ) at shuttle altitudes to produce enough NO to explain the glow
measurements by reaction (iii) alone.

A third mechanism which has been proposed to explain surface glow is the
Papadopolous-Alfven ionization theory. In this complex plasma process, a two-stream
instability develops between incident and reflected ions. The ion instability then
generates waves which, in turn, produce suprathermal electrons. These energetic
electrons (30 eV) ionize the ambient neutral gas, which emits a characteristic spectrum of
radiation. It is not clear whether the observed spectrum is consistent with this theory.

There is no clear consensus on which, if any, theory correctly explains the glow
phenomenon. There are many molecular species present, including outgassing products.
More data, including expanded spectral measurements in the infrared and ultraviolet,
may help to explain surface glow.

5.4.2 Research Maturity Rating

The spectral content, intensity, and spatial extent of the surface glow phenomenon
were better understood after the completion of several flight experiments. To date, these
experiments have necessarily been simplistic, in order to fly on early Shuttle launch
opportunities. Thus, there still remains competing theories to explain the phenomenon.
Therefore, the maturity of this interaction was rated MODERATE (3).

5.4.3 System Impact Rating

The principal adverse effect of glow is its potential interference with optical
measurements. Impact on systems is not generally catastrophic and sensitive instruments
can be compensated. Thus, the impact of this interaction was rated MODERATE (3)
for low altitude orbits and NEGLIGIBLE (1) for geosynchronous orbits.

5.4.4 Mitigation Techniques

Optical devices sensitive to the wavelength range of this phenomenon can be
shielded or pointed away from surfaces facing into the ram direction. It may be possible
to minimize interference by choice of wavelength when more is known about the spectral
range of glow. Choice of spacecraft altitude is a potential mitigation technique since
glow seems to be dependent upon nitrogen or atomic oxygen concentration.
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5.5 CHEMICAL REACTIONS

5.5.1 Discussion of Interaction

Spacecraft orbiting at low altitudes encounter 1j, 0, NH 3, and CHK molecules as
well as neutral nitrogen and atomic oxygen. Many sequences of chemical reactions are
possible at relative kinetic energies of 5 to 10 eV. These reactions create a complex
ambient environment near spacecraft surfaces. The possible interactions multiply when
plasma effects are added, making interpretation of surface phenomena difficult.

5.5.2 Research Maturity Rating

The identification of atomic and molecular reaction rates that are applicable to
spacecraft interactions remains incomplete. The maturity of experimental knowledge was
rated MODERATE (3) while analytical was rated CONSIDERABLE (4).

5.5.3 System Impact Rating

The possible chemical reactions near spacecraft surfaces and their consequences
have been insufficiently explored. While there is no direct evidence of interactions
occurring during Shuttle flights, they are still possible and must be considered, since
enhanced contamination could result. In addition, chemical reactions could produce
corrosive substances, such as nitric acid.

The impact for this interaction was rated MODERATE (3) for LEO and PEO in
view of the lack of definite information in this area. The impact was rated
NEGLIGIBLE (1) in geosynchronous orbit.

5.5.4 Mitigation Techniques

Present knowledge is inadequate to identify mitigation techniques.

5.6 SPUTTERING

5.6.1 Discussion of Interaction

Sputtering is the deposition of a thin layer of material onto a surface. In low
earth orbits, the principal constituents of the neutral environment are nitrogen molecules
and atomic oxygen. The thermal energies for these particle varies from 0.06 to 0.2 eV.
The spacecraft velocity (about 8 ki/sec) raises the impact energy of the particles for
surfaces facing in the velocity or ram direction. Thus, the effective energy is about 10 eV
for nitrogen, the measured sputtering threshold for most spacecraft materials. In the
ram direction, then, sputtering of the surfaces is possible and should be considered for
large space systems. Sputtering could occur even at the effective energy of 5 eV for
atomic oxygen.
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5.6.2 Research Maturity Rating

Neutral particle sputtering was rated SLIGHT (2) because of the lack of physical
models and experimental data in this area.

5.6.2 System Impact Rating

Surface erosion is the principal consequence of neutral particle sputtering. The
system impact was rated CONSIDERABLE (4) since the effect of such sputtering over
long periods of time on many materials is unknown. The loss of materials from surfaces
facing in the velocity direction could be serious if sputtering occurs. The impact on
spacecraft systems should be reviewed as the maturity of this interaction improves.

5.6.4 Mitigation Techniques

Mitigation techniques for this interaction are similar to those proposed for atomic
oxygen erosion, namely: (1) Orbit selection; (2) Avoid exposure of sensitive materials to
the ram orientation; and (3) the use of surface coatings. Mitigation techniques can be
expected to expand as more information on this interaction becomes available.
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6.0 PARTICLE ENVIRONMENT INTERACTIONS

This section concerns micrometeoroids and man-made debris particle interactions.

6.1 MICROMETEOROID IMPACTS

6.1.1 Interaction Environment

Meteoroids are solid particles, originating from comets and asteroids, and moving
through interplanetary space. They are classified either as sporadic, when their orbits
about the Sun are random, or as streams (or showers) when they are grouped in large
numbers having nearly identical orbits. Streaming meteoroids have definite periods of
increased activity throughout the year.

Meteoroid densities have been calculated from photographic and radar
observations to be between 0.16 and 4.0 gm/cm 3 , with the accepted average value of 0.5
gm/cm 3 . Their velocities have been observed to range from 11 to 72 km/sec, with 20.0
km/sec being the accepted average [224]. The average cumulative meteoroid flux mass
environment model (available from NASA reports) is presented in Figure 6.1 [2241.

Meteoroids can range in size from infinitesimally small to kilometers in diameter.
For this interaction discussion, very large and very small meteoroids are not significant,
even though impacts from these can cause damage. Large meteoroids, ones which can
be detected and tracked from the ground, can be avoided by spacecraft. Very small
ones, on the other hand, can be shielded against to minimize damage. The class of
meteoroids pertinent to this interaction are those in between these ranges. These
meteoroids will be discussed as "micrometeoroids".

6.1.2 Discussion of Interaction

The possibility of damage, as the result of impacts, has led to much concern about
interactions between future, large spacecraft and the micrometeoroid/debris environment.
A particle with a mass of 106 grams could have a kinetic energy of 0.2 joule. It could
penetrate through most spacecraft surfaces and cause significant damage. The predicted
number of impacts per year for a given particle mass is given in Table 6.1. These values
indicate this interaction is significant for large area spacecraft with expected lifetimes of
10 to 30 years. Figure 6.2 shows the expected number of impacts of various mass
particles per year as a function of spacecraft area.

Micrometeoroid surface impacts, into such objects as thermal blankets or thermal
control louvers, can have multiple effects. First, the particle can penetrate through the
outer layer producing a hole. This hole can be nearly circular in shape, if the impact
occurs normal to the surface, or it can be elliptical, if the impact occurs at an angle. This
is illustrated in Figure 6.3A, which is a photograph of a micrometeoroid penetration of a
thermal blanket returned from the Solar Maximum repair mission [225]. The particle
had a mass of about 10-r grams and produced an elliptical ( 0.35mm diameter) hole in
the 3 mil Mylar surface.
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(A) Initial Impact Hole

(B) Secondary I.,yer Spalling Damage

Figure 6.3 Micrometeoroid Impact Damage in a Solar Max Thermal Blanket
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Table 6.1
Micrometeoroid Impacts Expected at 1 A.U. from the Sun

Micrometeoroid Mass Number -f ITpacts
(gm) (m yr )

-12 773.001o11 566.00
0- 1 311.00
108 127.00
0- 39.10

10- 8.90
10- 0 9

1.60
0.09

Second, a spalling damage pattern is created in the layer beneath. This spalling
pattern is the result of the particle, and exterior surface residue, breaking up and
spreading out in a conical pattern. This is illustrated in Figure 6.3B. The resulting
exterior and/or interior coating damage could effect the thermal balance. The pattern
shown here is approximately 1.5 mm across or about 25 times the original impact area.

A final effect, which results from micrometeoroid impacts, is that the underneath
layer is now exposed and can react with the environment. This can result in atomic
oxygen surface erosion or high voltage system interactions.

Similar effects can be expected to occur in solar arrays [2261. A 6 mil thick cover
glass can be penetrated by micrometeoroids with masses greater than 10-8 grams,
causing entry and spalling damage. The probability of damage to the glass and the
blocking diodes on the array increases with increasing array size. The micrometeoroid
mass required to penetrate various thickness blankets and cover glasses can be
computed, if thin dielectric films are assumed to behave like thin plates. These results
are shown in Figure 6.4. The cross on the curve represents a 6 mil thick surface.

Small craters on large, specular surfaces, such as solar thermal dynamic reflectors,
could reduce their reflective characteristics, defocus the sunlight, and damage the
emissive coating on the rear surface. This would reduce the power output and could
raise operating temperatures, due to a reduced heat rejection capability. Micrometeoroid
impacts could be serious to mirrors reflecting high power beams, such as a high power
laser. Resulting surface defects would absorb energy, cause local thermal distortions, and
ultimately destroy the mirror or render it useless. Finally, larger micrometeoroids can
penetrate spacecraft surfaces and damage internal structure and pressure vessels.
Probability of penetration also increases with spacecraft size. Such impacts could weaken
the structure and lead to system failures.

6.1.3 Research Maturity Rating

The model of the micrometeoroid environment, developed and published by
NASA in the 1960s, is still valid. The evaluation of the impact of these particles, on
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various materials being considered for future spacecraft, has not yet been completed.
The maturity ratings for this interaction were rated CONSIDERABLE (4) for theory and
MODERATE (3) for experiment.

6.1.4 System Impact Rating

In the past, the effects of micrometeoroid impingement have been considered to
he negligible. Spacecraft were relatively small and the particles that did hit did not
interfere with the normal operation of the spacecraft. This will not be true with new,
large spacecraft. The number of impacts will increase, since the surface areas will
increase. In addition, the probability of damage to sensitive components distributed
around the spacecraft will increase, as the number of these components also increase.
Thus, the system impact for this interaction was rated LARGE (4).

6.1.5 Mitigation Techniques

The mitigation technique used against this interaction is micrometeoroid
"bumpers". These bumpers, or shields, protect sensitive surfaces and instruments. Multi-
layer bumpers could provide more protection than single layers of the same thickness.
Another possible technique is to reduce the size of sensitive areas, such as using solar
thermodynamic power systems instead of solar arrays. Designing an allowance for
performance degradation, due to micrometeoroid impacts, is another alternative.

6.2 MAN-MADE DEBRIS IMPACTS

6.2.1 Interaction Environment

The continually increasing man-made space debris environment is potentially of
greater concern than the micrometeoroid environment. There are nearly 5,500 Earth
orbiting objects currently being tracked by NORAD radars [228], which are greater than
4 cm in diameter. Data has indicated that this number may be 10,000 to 15,000, for
objects smaller than 4 cm, and even greater for particles too small to be tracked [229].
A comparison of debris and micrometeoroids is shown in Figure 6.5. Another recent
compilation of debris observations now indicates that the debris environment could be
eleven times larger than the NORAD catalog [230].

The existing orbital debris flux, as a function of altitude and particle size, is shown
in Figure 6.6. This debris is the result of man's space activities, particularly from rocket
explosions and thruster effluents. It is expected to worsen with time [231].

A model for small debris particles, developed for the NASA Space Station, is orbit
dependent and shows the greatest concentration of debris below 2000 km. The peak
density occurs around 800 km (Figure 6.6) [231]. The average velocity for debris
particles is 9 km/sec (in orbits with a 300 inclination) with the average particle mass
density about 2.8 gm/cm3 [232]. Debris particles are heavier than micrometeoroids, but
move slower. To have the same kinetic energy as the micrometeoroid particle discussed
in section 6.1.2 (0.2 joule), the debris mass would have to be five times heavier. The
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distribution of debris at various inclinations was found to be sufficiently uniform so that
the collision probability can be assumed to be equal at all latitudes. These models are
used to predict the fluxes of objects less than 1 cm in diameter. The uncertainty in the
projected flux of 1 cm particles is estimated to be a factor of three. The uncertainty in
the flux of 1 mm particles is estimated to be a factor of ten.

6.2.2 Discussion of Interaction

The effects of debris impacts are similar to those expected from micrometeoroids.
The particle impact on the surface can penetrate the first layer and damage subsequent
layers. This is illustrated in Figure 6.7, which shows a section of a Solar Maximum
spacecraft thermal louver returned to Earth after the repair mission. The original
damage resulted from the impact of a paint flake. The spalling pattern underneath again
exhibited a damaged area larger than the initial impact hole.

The predicted number of impacts per year for a given particle mass is shown in
Table 6.2 and is illustrated as a function of surface area in Figure 6.8. The number of
very small particles impacting future, large systems can be quite large. Penetration
capability of debris particles through thin plates is shown in Figure 6.9. This calculation
assumes the relationship used for micrometeoroid penetration is applicable for debris
particles. Again, the cross represents a 6 mil thick surface.

Table 6.2
Debris Impacts Expected in a 400 km Orbit

Debris Mass Number 9 f Irqpacts
(gm) (m yr-)

1 -12 9863.00
1011 1539.00
1010 240.00
1 -9 37.50
10 8 5.85
10 - 0.91
10- 0.14
10-5 0.02

6.2.3 Research Maturity Rating

Uncertainty about the man-made debris environment in space still exists, despite
investigation over the past ten years. Orbital debris measurements and analysis, for
particles below 10 cm in diameter, have only recently begun. Examination of Shuttle
surfaces and parts returned from space, in addition to laboratory analysis, has provided
new insights into the small diameter debris environment.

The maturity was rated MODERATE (3) for both experiment and theory.
Measurements and analysis to date are insufficient to determine the future environment
to the desired degree of certainty. The maturity rating for PEO and GEO orbits is
SLIGHT (2) because the debris models are less developed than for LEO models.
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(A) Initial Impact Hole in Aluminum

Li

(B) Secondary Layer Spalling Damage

Figure 6.7 Paint Flake Impact Damage in a Solar Max Thermal Louver
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6.2.4 System Impact Rating

The system impact for man-made debris interactions was rated LARGE (4) for
the same reasons as for micrometeoroid impact interactions.

6.2.5 Mitigation Techniques

The mitigation techniques discussed for micrometeoroid impact interactions are
also applicable to man-made debris interactions. In addition to those techniques
discussed in section 6.1.5, the amount of man-made debris being placed into space should
be minimized and/or reduced. Approaches like those used in the final years of the
DELTA missions should be implemented. It was found that the residual fuel and
oxidizer in the DELTA's orbiting second stages corroded the tanks and caused an
explosion after some time in orbit, creating a large number of small debris particles. In
later DELTA rockets, the stage was commanded to burn the remaining fuel after
payload separation. This resulted in a single, trackable object rather than thousands of
debris items.

- 130-



7.0 SOLAR OPTICAL RADIATION ENVIRONMENT INTERACTIONS

The interactions associated with the solar optical radiation environment are
Degradation of Exterior Coatings, Thermal Forces, and Biological Hazards. The
environment common to these interactions will be described below.

7.1 GENERAL ENVIRONMENT DISCUSSION

The Sun continually emits energy and mass into the solar system, and beyond, in
the form of electromagnetic radiation, plasma, and energetic particles. The output is not
constant but varies with cycles (e.g. 27 day rotation, 11 year sunspot cycle).

The radiated environment from the Sun is the primary concern in this section,
since plasma and energetic particles have been covered in previous sections. The
spectral energy distribution for the Sun resembles a black body distribution with an
effective temperature of 58000 K. This means that the bulk of the solar energy lies in
the wavelength range of 150 nm to 10 gim (3 x 1013 Hz to 2 x 1015 Hz) with a
maximum near 6.7 x 0' + Hz or 450 nm (Figure 7.1). This portion of the solar
spectrum is primarily emitted by the solar photosphere [6,234].

The total amount of radiated energy at Earth orbit (1 Astronomical Unit or A.U.)
is known as the Solar Constant. This value has been repeatedly measured over recent
years and the current accepted value is 1371 W/rIn (± 5 W/r?). Spacecraft interactions
with solar X-ray and gamma ray fluxes have not been important to date and will not be
discussed further.

7.2 SURFACE DEGRADATION

7.2.1 Discussion of Interaction

Solar ultraviolet (UV) radiation, a significant constituent of the space radiation
environment, can cause both surface and bulk damage to thin flexible coatings used for
thermal control. Typical effects of UV radiation on materials include: outgassing,
shrinkage, cracking, pitting, embrittlement, and discoloration. It can also cause
degradation of mechanical properties (such as tensile strength, elongation, and modulus
of elasticity) as well as optical properties (like transmittance, reflectance, and
absorptance), which affect spacecraft thermal balance.

Research on UV radiation effects on spacecraft materials has been documented
and will only be summarized here. Thermal control coating research has been supported
by the thermophysics community [235-239], and cover glass degradation by solar array
engineers [240,2411. Much research has been performed on the thermal control property
changes of paints and polymeric films. The stability of these materials is critical, since
they are typically used to radiate spacecraft internal neat into space.

The mechanism by which solar UV damages the zinc oxide pigment used in white
thermal control paints has been extensively investigated. In space, this material can
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deterioration of the silicon (15%). This degradation affiounts to a 19-25% reduction in
original power output over a nominal seven year mission. The cover glass darkening
happens rapidly at first and then decreases. Degradation of the silicon continues
throughout the life of the cell at a rate of , 2% per year. Silicon degradation in PEO is
about twice the rate in GEO, due to the greater flux of energetic particles encountered.

Conflicting views exist regarding the combined effects of particulate radiation and
solar UV on solar cell assemblies. One view, supported by ground testing, is that UV
exposure bleaches some of the darkening induced by the particle radiation. The other,
supported by comparing ground test data with flight data, holds that the simultaneous
combined exposure causes greater darkening than each exposure alone [240].

7.2.2 Research Maturity Rating

The process by which UV radiation interacts with spacecraft coatings is well
understood, thus, the theoretical maturity was rated COMPLETE (5). Extensive testing
of UV radiation effects on materials has been carried out and is continuing. Testing has
included extensive laboratory space simulations of the effects of various orbits on many
spacecraft surface materials. A CONSIDERABLE (4) rating for experiment was given,
since the behavior of new materials must be verified before future application.

7.2.3 System Impact Rating

The primary impact to systems, due to degradation of thermal control coating
properties, is usually warmer than anticipated spacecraft operating temperatures. The
main impact of radiation darkening of solar array cover glass is the decline in power
output with time. These two effects seriously impact the operation of space systems,
however, the degradation is predictable and tolerance is designed into the system during
thermal analysis. Thus, the system impact of these interactions was rated SLIGHT (2).

7.2.4 Mitigation Techniques

Designing allowances for solar radiation degradation into the space system, is the
primary technique used to mitigate the effects of this interaction.

7.3 THERMAL FORCES

Thermal forces, for this discussion, means the momentum transfer imparted to
large spacecraft structures by incident solar photons and the stresses induced by thermal
differential expansion.

7.3.1 Discussion of Interaction

7.3.1.1 Momentum Transfer

A force is exerted on the surfaces of space systems due to momentum transfer
from incident solar photons. This force may cause a torque about the spacecraft's center
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of mass [242]. Surface characteristics are a dominant factor in the generation of both
radiation and aerodynamic torques on a spacecraft. Radiation torques are generally the
more dominant of the two at altitudes above 1000 km. This is true because aerodynamic
forces (e.g. drag) diminish rapidly with increasing altitude, while radiation forces remain
nearly constant in near-earth orbits. The momentum per unit volume carried by a
collimated beam of light is given by H/c2, where (H) is the power per unit area and (c) is
the speed of light [243]. When the light is totally absorbed, the force exerted on the
body is the time-rate of momentum deposition. Hence, the pressure exerted in the
direction of travel of the light is:

F = (momentum/volume) x (velocity of light) = H/c2 x c = H/c

The net acceleration due to solar radiation pressure is zero for a satellite in a
circular orbit which does not enter the Earth's shadow (i.e. a dawn-dusk polar orbit),
since the force opposes Earth's rotation for one-half the orbit and enhances it for the
other half [244]. The energy of a body in an elliptic orbit that enters the Earth's shadow
will change due to radiation pressure unless the accelerating and retarding radiation
pressure forces are equal over the complete orbit. This geometry cannot persist for an
extended period because of the orbit change in inertial space. Radiation pressure must
therefore be considered in the calculation of orbital dynamics [244].

All torques that disturb spacecraft attitude must be considered in the design of
attitude control systems. Torque resulting from radiation forces on spacecraft surfaces is
one of these. The major factors to be considered in the determination of radiation
torques are: (1) The intensity, spectrum, and direction of the incident or emitted
radiation; (2) The shape of the surface and the location of the Sun facing side with
respect to the spacecraft center of mass; and (3) The absorption, reflection, and
emission properties of the surface upon which the radiation is incident or emitted.

A torque will be applied, even in orbits where radiation pressure does not cause a
net acceleration of the center of mass, if the area exposed to solar radiation is
asymmetric about the body's center of mass. This can be the principal cause of torque,
especially in a structure with large, optically opaque surfaces (as opposed to one with an
open structure) receiving solar radiation. Photon impact torque can be exploited in
spacecraft operations by balancing undesired disturbance torques through careful
positioning and trimming open and closed areas of a spacecraft. This use of solar
radiation pressure to trim spacecraft attitude was demonstrated on the OTS-2
geosynchronous satellite [245].

7.3.1.2 Thermal Expansion Stresses

The expansion rate of various materials as a function of temperature is a well
known and understood phenomenon. Differential expansion of materials, constrained by
other materials, creates thermal stresses in the materials, which can result in bending and
axial forces unless stress relief has been provided. It is important that these stresses be
recognized and accommodated into the design of large, flexible systems proposed for
future applications.
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The 1985 Solar Array Flight Experiment (SAFE) unexpectedly demonstrated the
effects of thermal expansion when the solar panel warped [246]. The experiment was
designed to evaluated the deployment, stability, and retraction of a 4 x 32 meter solar
array blanket from the Shuttle (Figure 7.2). Mass simulators replaced most of the solar
cells since SAFE was primarily a mechanical stability test. A 40 cm bow, between the
center and free edges, occurred when the panel first moved from eclipse into sunlight
(Figure 7.3). The panel straightened after a brief time in sunlight. This bowing was
traced to differential thermal expansion of the various materials used.

While this effect may not exist in a real solar array, it should have been
anticipated in the experiment design phase. This example is used to emphasize the
concern for detail necessary in designing future large, flexible spacecraft, since such
design negligence may severely impact these systems.

7.3.2 Research Maturity Rating

Analytical techniques exist which can satisfactorily predict radiation torques in
large structures. Current practices for estimating these torques are based upon
knowledge accumulated from previous flights and scale model test results. In addition,
thermal expansion and differential stresses are also well understood phenomenon. While
the data base for this interaction is believed to be adequate, unknowns may emerge due
to the size of future systems. Thus, the maturity for both theory and experiment has
been rated CONSIDERABLE(4).

7.3.3 System Impact Rating

The system impact was rated MODERATE (3), due to scaling uncertainties. In
addition, this interaction is highly configuration dependent since large, flexible spacecraft
would be more susceptible than compact, stiff ones.

7.3.4 Mitigation Techniques

Compensating for these stresses and torques during system design is the best
mitigation technique.

7.4 BIOLOGICAL HAZARD

The effects of solar radiation on the military man in space must be considered due
to the Air Force's decision to plan for astronaut roles in spacecraft assembly,
maintenance, and servicing.

7.4.1 Discussion of Interaction

The shielding that is provided by present spacecraft and EVA spacesuits is
considered adequate to protect an astronaut from soft X-ray and UV radiation while in
space [247]. Future construction of large systems in space could change this. There may
he dangers from focused sunlight during the assembly of large, flexible, reflecting sheets
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FigUre 7.2 Solair Array Flight Experiment (Artist's Conception)
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that might cause eye damage or burn through a space suit, if an astronaut came near the

focal point of such a mirror-like surface.

7.4.2 Research Maturity Rating

The maturity of knowledge about the hazard to man from solar radiation was
rated CONSIDERABLE (4) for both theory and experiment.

7.4.3 System Impact Rating

The system impact for this interaction was rated NEGLIGIBLE (1) because it can
be prevented through EVA equipment improvements and operational constraints.
Future large spacecraft assembly missions must accept operational constraints to avoid
creating hazards to man from solar radiation, especially during times of sever solar
radiation emissions.

7.4.4 Mitigation Techniques

The techniques for mitigation are shielding man from solar radiation by
equipment improvements and constraints on operations.
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8.0 SELF-GENERATED ENVIRONMENT INTERACTIONS

In this section, interactions arising from spacecraft operations are discussed.
These interactions are: contamination arising from system outgassing, contamination
arising from thruster effluent, and operation of nuclear power systems.

8.1 CONTAMINATION DUE TO OUTGASSING MATERIALS

8.1.1 Interaction Environment

This interaction deals with contamination of spacecraft surfaces by vapors or
particles originating from the spacecraft [248-252]. Volatile, condensible vapors outgas
under space conditions from warm, non-metallic adhesives, paints, and insulators [253-
257]. Outgassing can occur from most all spacecraft materials, both interior and exterior.
Interior sources include structure and electronic box coatings, as well as components
within these boxes. Exterior sources include paints, dielectrics, thermal blankets,
adhesives, and lubricants.

Particulate contaminants are essentially pieces of spacecraft materials that flake
off due to thermal conditions or in response to natural environment bombardment (i.e.
spalling or sputtering). They also include dust particles, which are trapped during ground
operations and carried aloft with the launch vehicle [258-261].

8.1.2 Discussion of Interaction

Vapors outgas from the warm surfaces within a spacecraft and flow through the
spacecraft towards space [257,262-266]. This flow is illustrated in Figure 8.1. From a
material point of view, outgassing does not result in material failure. The concern,
however, is that outgassing products can condense on cold surfaces, such as thermal
radiators, low temperature sensors, and solar cells. Deposition can change surface
properties, resulting in warmer operating temperatures and possible failures.

Cold surfaces act as traps for outgassing products, which tend to localize the areas
where contaminants can be a problem. Contamination can also be enhanced by charging
of exterior surfaces [267]. The substorm or auroral environment (Section 3.2 and 3.3)
can charge exterior surfaces which creates electric fields around the spacecraft [268].
Outgassing products could be ionized by photoionization and, if the fields are strong
enough, return along field lines to the spacecraft and redeposit. A SCATHA satellite
experiment (Figure 8.2) [269] showed that enhanced contamination exists. Figure 8.2
shows a sample of collected data from a retarding potential mass analyzer. The
deposition rate would be independent of the instrument bias voltage, if charge enhanced
effects did not occur. The data indicates a small but finite voltage effect. Thus,
contamination could become serious on large spacecraft after long periods of time.

Particulate contamination can float around the spacecraft or redeposit onto
surfaces, thus disrupting system operations. The particles can be large enough to reflect
light to sensors, providing false sensor data (e.g. star trackers) and disrupting the
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Figure 8.1 Outgassing and Thruster Flow Patterns in a Spacecraft
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operation of science instruments. If the particle has sufficient energy, impact with the
spacecraft surface could result in surface or sensor damage.

8.1.3 Research Maturity Rating

Contamination is a recognized threat to long-term mission operations and work
continues in order to understand the process and alleviate its impact. Theoretical
investigation of electrostatically enhanced contamination has only recently started.
Finally, the ability to predict outgassing flows and deposition rates is uncertain, even for
present day spacecraft designs. On the other hand, experimental techniques to evaluate
vapor outgassing rates are well-known and a large data base is available [270-275].
Particle contamination experiments, however, still require more work. Thus, the research
maturity for contamination from outgassing materials was rated MODERATE (3) for
theory and CONSIDERABLE (4) for experiment.

8.1.4 System Impact Rating

Surface contamination and sensor degradation interactions will be rated. These
ratings will apply to all orbits, since the outgassing interaction is independent of orbit.

8.1.4.1 Surface Contamination

The impact of surface contamination was rated LARGE (4). "Cold" surfaces, such
as Optical Solar Reflectors (OSR's), have a tendency to operate at warmer temperatures
as time in orbit increases. This could be due to contamination from outgassing materials.
Thus, the present technique, allowing for surface degradation in the thermal design, may
be satisfactory for existing spacecraft, however, it may not be sufficient for future,
extended life systems. Therefore, the effects of contamination must be understood and
anticipated in new system designs.

8.1.4.2 Sensor Degradation

Sensors requiring radiator surfaces to operate at cryogenic temperatures could be
severely impacted by contamination. Such surfaces would be prime sites for contaminant
deposition and possible system malfunctions due to increased radiator temperatures.
Thus, the system impact was rated CATASTROPHIC (5).

8.1.5 Mitigation Techniques

There are basically two approaches for controlling the detrimental effects of vapor
outgassing. The first approach is to pick materials which have low outgassing rates for
the particular application. This requires prior measurement of the outgassing rates of
all spacecraft sources as a function of time and temperature [270-275]. This information
should be made available to designers in a data base format.

The second approach uses available materials to analyze flow patterns so that the
contaminant flow can be directed away from regions where potential problems could

- 143 -



occur [276-278]. In order to conduct this analysis, specific internal and external
parameters must be know. Necessary internal parameters include composition, weight,
and temperature predictions for all non-metallic materials, as well as the view factors
which couple the materials to venting ports. External parameters include the
composition and quantity of all non-metallic materials, the area, location, predicted
material temperatures, and the view factors coupling all exterior surfaces. Material
outgassing rates must be known either from ground tests or prior flight histories. The
analysis yields predicted flow patterns and probable deposition sites. If the results show
that system performance will be impacted, the outgassing flow pattern can be adjusted
with baffles or cold traps.

8.2 THRUSTER EFFLUENT CONTAMINATION

8.2.1 Interaction Environment

This section examines the problem of contamination from chemical rockets, such
as propulsion engines and attitude control jets, as well as ion thruster effluents. The
principal concern here is how this type of contamination interacts with systems in the
space environment, and not during lift-off and ascent to orbit. The elements which
significantly contribute to this environment are the combustion products from liquid
rockets (i.e. water, nitrogen compounds, etc.), aluminum oxide from solid boosters, and
ionized particles from electric devices (probably xenon). The boosters and attitude
control systems for each spacecraft system determines the specific substances which
contribute to the contamination environment.

8.2.2 Discussion of Interaction

Spacecraft use thrusters to alter orbit and to maintain attitude. Solid or liquid
rockets are usually used to change orbit. Attitude control thrusters are smaller and can
use cold gas jets. Future missions may use ion thrusters for both orbit changes and
attitude control. In all cases, the use of thrusters will generate an enhanced local
atmosphere around the spacecraft which can effect the behavior of surfaces and sensors.

8.2.2.1 Chemical Rockets

Chemical rockets are used for upper stages, orbit insertion, orbit trimming, and
reentry operations. They provide thrust by burning large quantities of fuel. Although a
majority of the fuel is ejected, there are still possible interactions that must be considered
[277,280-282]. As stated previously, lift-off is not included in this study.

Thruster firing generates heat loads in the combustion chamber and nozzle. In
addition, heat generated in the expanding thruster plume can be conducted back to the
structure. The exhaust plume may also impinge upon parts of the spacecraft, resulting in
local heating and material failure if the impingement was not anticipated. These factors
must be considered in the vehicle thermal design.

In addition to localized heating, surfaces and sensors can be contaminated by the

- 144 -



thruster effluents. While most of the thruster products escape, a small fraction can
return to the vehicle. The quantity of matter ejected is so large that even a small
fraction can have significant consequences. Vapor contaminates returning to the
spacecraft could deposit on surfaces. Finally, solid particles returning could impact and
damage spacecraft surfaces.

8.2.2.2 Attitude Control Jets

Attitude control systems activate automatically when spacecraft attitude exceeds
specified limits. These jets eject small volumes of gas sufficient to restore spacecraft
orientation. The jet emissions tend to be neutral molecules with a small plasma content.
While most of this flow leaves the spacecraft vicinity, a small fraction can either strike
spacecraft surfaces or redeposit on them, enhancing contamination [283,284]. This
contamination source can be significant, even though small amounts of material are
ejected during each operation, since these thrusters function over the mission lifetime.

8.2.2.3 Ion Thrusters

Ion thrusters generate thrust by using an electric field to accelerate a plasma.
These devices produce low thrust, but satisfy spacecraft velocity change requirements by
operating for long periods of time [285-288]. Again, the interaction concern is for
contamination effects on surfaces and sensors. The small but finite amount of fuel that is
not ionized can drift around the vehicle. These drifting molecules, ionized by residual
electric fields or by charge exchange processes, can return to the spacecraft and deposit
or impact surfaces.

8.2.3 Research Maturity Rating

The research maturity of thruster effluent interactions was rated MODERATE (3)
for both theory and experiment, since the long term effects of cold gas, rocket, and ion
thrusters are unclear even though they have been well studied. The increasing physical
size of spacecraft is an additional factor considered in this rating. While computer
models are used to predict thruster plume expansion, further theoretical and
experimental (including space validation) research must be performed.

8.2.4 System Impact Rating

The system impact for thruster interactions was given the same rating as
outgassing, namely, LARGE (4) for surface contamination and CATASTROPHIC (5) for
sensor degradation.

8.2.5 Mitigation Techniques

An analytical approach is used to mitigate thruster effluent interactions. In
addition, experimental data is used to provide parameters needed for the analysis and to
calibrate the results.
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8.3 NUCLEAR POWER SYSTEM INTERACTIONS

The operation of nuclear power systems in space is discussed in this section.
However, the safety of their use in space will not be addressed.

8.3.1 Interaction Environment

The nuclear power system environment is basically concerned with total radiation
dose, dose rate, and the neutron flux produced by the source. These parameters are
significant to the operation of electronics in the vicinity of the source. The parameters
specified in the SP-100 system design for a typical payload located 25 meters from the
reactor are: Total Dose = 5 x 10' rad (for a 7 year mission), and Neutron Flux =
1013 cm- 2 [289].

8.3.2 Discussion of Interaction

Nuclear power systems, proposed for future missions requiring large power
generators, have been previously operated in space. These nuclear systems cause
interactions with both the environment and the host spacecraft.

8.3.2.1 Effect of the Environment on Reactor Operations

The natural environment should have no measurable impact on the basic function
of the reactor. However, the control circuits should be protected from the energetic
particle fluxes since they could be upset just as any other electronic circuit.

Biased conductors in a system which are exposed to the ambient plasma have to
be given the same considerations as solar array interconnects. This could result in a
parasitic power loss through the plasma or, at worst, there could be arc discharges which
generate transients in the system. In addition, interactions with the earth's
magnetic field must be considered, if large currents are generated which produce torques
in current loops and induce additional system stresses (Section 9.2).

8.3.2.2 Effect of Reactor Operations on the Environment

Neutron leakage fluxes from a reactor, resulting in significant alteration of the
earth's radiation belts, has been the subject of many studies. Initial results indicated that
there would be minimal interactions. However, more recent work has indicated that
significant problems could arise, particularly in proposed multi-megawatt systems.

8.3.2.3 Effects of the Reactor Induced Environment

Total dose and neutron leakage fluxes from reactors can severely impact
spacecraft materials and electronics [165,290]. Thermal control system materials can be
damaged and electronic systems could be upset or permanently damaged by reactor
fluxes.
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8.3.3 Research Maturity Rating

Research maturity for nuclear power system interactions was rated
CONSIDERABLE (4) for both experiment and theory. These power systems have been
studied for years, and both experimental techniques and analytical approaches are well

defined. The long term exposure effects on materials and electronics proposed for future
space systems are uncertain and should be further evaluated.

8.3.4 System Impact Rating

The impact of reactor operation on other spacecraft systems was reviewed. The
primary hazards are to spacecraft systems and astronauts. The impact was rated
CATASTROPHIC (5), since the interactions could cause astronaut death and system
degradation, permanent damage, and failure.

8.3.5 Mitigation Techniques

Shielding critical components and placing the reactor in a remote location on the
spacecraft, away from sensitive systems and astronaut work areas, are the best techniques
for mitigating harmful nuclear power system interactions.
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9.0 ELECTROMAGNETIC ENVIRONMENT INTERACTIONS

The interactions discussion within this section are motion generated electric fields,
current generated forces, and configuration generated torques.

9.1 GENERAL ENVIRONMENT DESCRIPTION

The interactions considered here depend upon the relationship between spacecraft
movement and the Earth's magnetic and electric fields. The effects of the space plasma
environment are also relevant. The magnetic field values at the Earth's surface are
shown in Figure 9.1 [291,292]. The change in field strength with altitude above the
Earth's equator is shown in Figure 9.2. This field is relatively stable and is adequately
modeled for both LEO and ?3EO. The relatively small perturbations due to magnetic
storms, substorms, and micro ulsations have been studied extensively [293]. The north
pole of the field is offset from the Earth's axis by about 10.5 0 This offset means that
the magnetic field encountered by a spacecraft in most LEO and PEO orbits will vary.

At GEO, the ambient field fluctuates (on a percentage basis) with a greater
amplitude and frequency in both magnitude and direction. Occasionally it may change
from being magnetospheric to interplanetary in nature [9]. Magnetic fields at GEO are
on the order of 10-3 gauss, as opposed to 0.3 to 0.6 gauss at LEO. Despite the smaller
value, the magnetic interactions can still significantly impact long missions.

The magnitude of electric fields in the ionosphere is limited by the conductivity of
the plasma. The maximum values reported range up to a few hundred millivolts per
meter. The larger measurements were taken in the auroral zone at times associated with
auroral activity. Convection electric fields in GEO are on the order of 100 mV/m.
Spacecraft in all orbits experience extreme variability in electric field magnitude. Fields
on the order of 1 mV/m are common while 100 mV/m field amplitudes occur during
times of geomagnetic disturbances [6,293-295].

9.2 DISCUSSION OF INTERACTIONS

The three interactions considered here are: (1) Electric fields induced by the
motion of the spacecraft through the magnetic field (i.e. V x B e 1); (2) Forces
generated by the interaction between currents circulating in the spacecraft and the
magnetic field (i.e. IL x B); and (3) Torques generated due to spacecraft configuration
and the magnetic field (i.e. m x B).

9.2.1 Motion-Generated Electric Fields

Most spacecraft built to date have conductive structures. The electric field
generated in a spacecraft, caused by the motion of the spacecraft moving with velocity
(V) through the Earth's magnetic field (B) can affect the spacecraft [6,296,297]. This
field is given by:

E VxB *!
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where E is the electric field vector in volts/m, V is the spacecraft velocity vector in m/sec
and B is the magnetic field vector in tesla.

The electric field will vary, since the magnetic field varies with location, altitude,
and type of orbit. The induced electric field can vary between ± 0.4 V/m in low earth
orbits, where the magnetic field intensity is R 0.5 gauss. While this field is not large, it
can permeate into the local plasma environment and disturb conditions around the
spacecraft. This could interfere with low energy plasma measurements.

The electric field in a conductive spacecraft structure generates a difference in
potential, with the magnitude dependent upon spacecraft dimensions. For a typical
present-day spacecraft, with - 2 m typical dimensions, the induced voltage can vary by
± 1 V along the length of the structure. This is not likely to be critical. However, future
spacecraft concepts will have dimensions in the hundreds of meters. A spacecraft of this
size could experience ± 40 V variations in LEO. These potential values could cause
serious complications, especially if the structure is covered with thin dielectric films. The
surface of the dielectric would maintain a low voltage (close to the space plasma
potential), as a result of the plasma environment, while the conductive structure/
dielectric combination would simulate a capacitor and store a charge [298]. Although the
voltage will may not be large, the dielectric area could be sufficiently large to cause a
potential problem. For example, for a 2 mil thick Kapton layer, the capacitance would
be 5.3 x I0G-  F/n?. At 40 V, the energy stored would be 0.4 mJ/m2 . The energy
released from a few square meters by a discharge could be sufficient to upset electronic
systems.

Second, there is a force that results from the field in the dielectric. If this
dielectric was a thin, stretched out membrane, the resulting stress in the material could
be sufficient to tear the membrane [298]. This force arises when a motion induced
voltage is generated in a conductive structure while the space plasma maintains the
dielectric surface potential at or near the space plasma potential (Figure 9.3).
Preliminary estimates of the stress on a 2 mil thick insulator show it to be on the order of
a few tenths of a newton per square meter for a differential voltage of 10 volts and tens
of newtons per square meter for 100 volts.

Finally, there exists the possibility that an electric field torque (p x E) could be
introduced into an elongated structure possessing an electric dipole moment (p) in a
polar orbit. This effect, while small, could introduce an oscillation related to the orbital
frequency. The concern arising here is that the oscillation frequency could match the
orbital frequency, producing an unstable oscillation.

9.2.2 Current-Generated Forces

Circulating currents in a spacecraft interact with the Earth's magnetic field
resulting in forces between the wires. This force is given by:

F = (IL x B)
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where F is the force vector in newtons. I is the circulating current in amperes, B is the
magznetic field vector in tesla, and L is the wire length vector in meters.

In pairs of wires on spacecraft, the current flows in opposite directions,
neutralizing the self-generated magnetic field while attempting to force the wires apart.
Present spacecraft power system currents are relatively low (on the order of amps,
resulting in forces of about 0.1 mN). Future systems can have currents of hundreds of
amperes over lengths of tens of meters. Thus, separation forces (up to 50 raN) must be
compensated for during mechanical design.

It is possible for a high current flow to produce a drag force on the spacecraft,
under certain current flow and Earth's magnetic field orientations. Normally, wires on
spacecraft run in pairs to minimize generation of magnetic fields. However, the use of
the structure as a power return in a future, large, high-powered satellites could create
significant drag effects. Currents on the order of hundreds of amperes can also make the
drag force significant.

9.2.3 Configuration Generated Torques

Currents flowing in loops around large spacecraft can interact with the Earth's
magynetic field, producing disturbance torques, and effecting spacecraft attitude [299].
The relationships governing configuration generated torques are:

T = mx B and m = Ix A

where T is the torque (N - m), m is the magnetic moment (A-m2 ), B is the magnetic field
vector (tesla or T), I is the circulating current vector (amperes or A), and A is the loop
area vector (in). Magnetic materials, such as latching magnets in relays and propellant
valves, and motor magnets, also have a dipole moment that can generate torques.

This interaction can be illustrated by considering the solar array shown in Figure
9.4. The array is assumed to be arranged in 26 parallel strings with each string operating
at about 2 amperes and 160 volts (this is the nominal NASA Space Station array design).
The strings are assumed to be arranged such that self-generated magnetic fields from
adjacent strings cancel. However, the overall string current flow can be considered to be
a loop which can interact with the Earth's magnetic field producing a torque. The torque
is small ( 6 x I0 6 N. m) but can affect spacecraft attitude.

9.3 RESEARCII MATURITY RATING

These interactions are well represented by basic electromagnetic field principles
and are well understood both analytically and experimentally. Although their maturity
was rated COMPLETE (5), evaluation of their effects on future space systems is needed.

9.4 SYSTEM IMPACT RATING

These interactions can be significant in hoth LEO and PEO. For these orbits, the
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Figure 9.4 Motion and Current Induced Effects in a Solar Array Power Source
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system impact was rated LARGE (4), primarily due to the number of small forces and
torques that have been identified. These small forces must be recognized, since they
could become significant in the design of future, large spacecraft. In GEO, the
magnitude of the magnetic field is much less than in PEO or LEO, thus, the impact was
rated NEGLIGIBLE (1).

9.5 MITIGATION TECHNIQUES

The effects of these interactions can be avoided by proper consideration during
spacecraft design [300]. Structures may have to be strengthened where forces can not be
avoided. Since this may involve additional weight, system trade-offs must be conducted
to minimize the effect, while simultaneously minimizing the added weight.
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10.0 CONCLUDING REMARKS

This Environmental Interactions Technology Status report has attempted to fill the
pressing need for a comprehensive survey of the natural hazards which future, large,
high-powered Air Force spacecraft will encounter. It is crucial that all potential hazards
be recognized early in the design phase to prevent some neglected adverse interaction
from compromising spacecraft operations or prematurely ending the mission.

The objective of this report was to assemble and catalog the available information
on the environmentally induced interactions that could influence future spacecraft
designs. This was accomplished through literature surveys and discussions with people
knowledgeable in this field.

The environmentally induced interactions were divided into seven environment
categ ories: (1) Low Energy Plasmas (Particle Energy < 100 KeV), (2) High Energy
Radiation (Particle Energy > 100 KeV), (3) Neutral (Non-Charged) Particles, (4)
Particle (Meteoroid and Debris) Impacts, (5) Solar Optical Radiation (Degradation and
Forces), (6) Self-Generated (Contamination Sources), and (7) Electromagnetic
(Magnetic Field Interactions).

The list of seventy-five interactions initially assemble,' was condensed to 24 topics.
These topics, ranging from spacecraft charging to elect! ,netically induced stresses,
were rated for research maturity and for their potential impact on system performance in
typical operational orbits (LEO, PEO, and GEO).

The maturity and impact ratings (on scales of 1 to 5 with 5 representing either the
most mature technology or most serious impact) of the interactions were summarized in
Table 1.1. These interactions all represent MODERATE to CATASTROPHIC system
impacts while having SLIGHT to CONSIDERABLE maturity. The interactions with a
SLIGHT to MODERATE maturity rating merit further study. Two interactions in the
self-generated environment category have dual system impact ratings. The lower number
represents the impact of the interaction on systems in general, while the larger number
represents the impact on a specific system (e.g. sensors).

Several interactions were identified that could seriously impact the operation of
future, high-power satellite systems. Interactions with an uncertain system impact, due to
insufficient information, were also identified. Finally, several interactions, initially
thought to have more serious effects, were downgraded to lower impact ratings.
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