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PREFACE

Reynolds number effects in transonic flow are criticaily reviewed. In this review, the following geometries are
considered: Airfoils and high aspect ratio wings typical of transport aircraft, fighter-type low aspect ratio delta wings, two-
and three-dimensional bodies characteristic of missiles and combat aircraft fusclages, and afterbodies. Also discussed are
“pseudo”™Reynolds number effects which may arise, for instance, due to the influence of the Reynolds number on the wind
tunnel environment which may, in tumn, affect the flow about a model. As an introduction to the AGARDograph, a brief
retrospect of the “history” of Reynolds number effects is presented. There are two aspects closely related to viscous changes
which are not discussed herein: the extrapolation of low Reynolds number wind tunnel results to flight conditions and
fundamental Reynolds number effects, i.c., for instance, the influence of the Reynolds number on the boundary layer
development and on basic viscous/invis<id interactions such as shock boundary layer interaction and trailing edge
separation. Both topics are comprehensively treated in the report of the AGARD Working Group 09 “Boundary Layer
Simulation and Control in Wind Tunnels” whose task it was to provide a methodology for transonic wind tunnel testing and
the extrapolation of low Reynolds number wind tunnel results to flight conditions. The present AGARDograph, mainly
concerned with a discussion of viscous effects actually observed on realistic configurations, can be considered a supplement
to the report of AGARD WG 09.

Systematic study of Reynolds number (scale) effects, which obtained new impetus with the introduction of advanced
transonic airfoils and wings, frequently revealed “anomalies” which could be traced 1o the wind tunnel environment and
measuring techniques and their response to Reynolds number changes. These “anomalies”, sometimes labelled “unit™-
Reynolds number effects, are best described as “pseudo”™Reynolds number effects. Factors which have the potential of
introducing pseudo-Reynolds aumber effects include: wall interference, tunnel Mach number calibration, noise, wrbuience,
humidity, non-uniform flow, flow contamination, side wall effects in two-dimensional tests, model deformation and transition
fixing. True Reynolds number effects on transport-type airfoils and wings were found to be mainly related to two
phenomena: transition point movement and the development of separation. Especially large variations in pressure
distributions and corresponding force and moment coefficients were observed with varying Reynolds number when
separation extended from the foot of the shock to the airfoil trailing edge and when the flow changed from a separated to an
attached state as Reynolds number was increased (or vice versa). For conditions with attached or almost attached flow,
Reynolds number effects appear to be smaller, though certainly not insignificant. Available data for low aspect ratio fighter-
type configurations depicting Reynolds number effects are sparse. The data which are available, however, suggest for most of
the flight regime of interest that Reynolds number effects are small.

The Reynolds number sensitivity of bodies is also strongly related to flow separation. Considering the classical body-
related Reynolds number regimes — sub-critical, critical, supercritical and hypercritical — viscous effects are especially
strong in the critical Reynolds number range, where large changes in the aerodynamic forces occur due to the sensitivity of
transitional separation to viscous changes. The flow is not very sensitive to Reynolds number variations in the subcritical
(laminar) and hypercritical (fully turbulent) Reynolds number domains in which separation is essentially fixed by pressure
gradient. With increasing Mach number, the Reynolds number sensitivity also diminishes rapidly in the critical and
supercritical domains due to the development of local supersonic regions with terminating shock waves strong enough to
separate even the turbulent boundary layer. Significant changes in afterbody drag were consistently observed for subsonic
Mach numbers above the transonic drag rise as result of the influence of viscous changes on the expansion around the
shoulder of the afterbody and/or the pressure recovery downstream. The direction of the Reynolds number infiuence, i.e.,
increasing or decreasing boattail drag with Reynolds number, seems to be dependent on whether viscous changes
predominantly alter the shoulder expansion or the pressure recovery, the latter being closely coupled with the development
of separation over the rear of the afterbody.

Cette AGARDographie présente un examen des effets du nombre de Reynolds dans les écoulements transsoniques.
Les géometries suivantes sont examinées: les profiles et les ailes a grande allongement caractéristiques des aéronefs de
transport, les voilures en delta a faible allongement typiques des avions de chasse, les corps bi- et tri-dimensionnels
caractéristiques des fuselages de missiles et d’aéronefs de combat, et les arriere-corps.

Les effets des “pseudo” nombres de Reynolds sont également examinés. Ces effets peuvent se produire, par exemple, en
raison de I'influence du nombre de Reynolds sur le millies ambiant de la soufflerie, ce qui risque, 4 son tour, de modifier les
écoulements autour d’un modéle. Un bref résumé de ‘Thistorique” des effets du nombre de Reynolds est présenté en
préambule 3 AGARDographie.

Deux aspects étroitement liés aux changements de viscosité ne sont pas traités: il s'agit de I'extrapolation aux conditions
de vol des résultats obtenus en soufflerie 2 des nombres de Reynolds peu élevés et des effets fondamentaux du nombre de
Reynolds, c’est 4 dire, par exemple: l'influence du nombre de Reynolds sur ce développement de la couche limite et sur les
interactions visqueuse/non visqueuse de base, telies que I'interaction choc/couche limite et le décollement au bord de fuite.
Ces deux sujets sont traités de fagon compléte dans le rapport du groupe de travail 09, intitulé “La simulation et le controle
de 1a couche limite en soufflerie” qui a pour objectif de fournir une méthodologie pour les essais en soufflerie transsonique et
pour lextrapolation au condition de vol des résuitats obtenus en soufflerie, 4 des nombres de Reynolds peu élevés.
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La présente AGARDographie, qui concerne rincipalement des effets visqueux examinés in-situ et produits par des
configurations réelles, peut étre considérée comme un supplément au rapport du groupe de travail AGARD 09.

L'étude systématique des effets du nombre de Reynolds (effets d’échelle qui a regu une nouvelle impulsion avec
l'arrivée de profils aérodynamiques et de voilures transsoniques avancées, a souvent révelé des “anomalies™ parfois appelées
des effets de nombre de Reynolds “unité” seraient mieux définies par le terme “effets de pseudo-nombre de Reynolds™.

Les phénomenes susceptibles de créer des effets de pseudo-nombre de Reynolds sont les suivants: Peffet de paroi,
I'étallonage du nombre de Mach de la soufflerie, le bruit, la turbulence, 'humidité, 'écoulement non-uniforme, la
contamination de ’écoulement, les effets des parois latérales iors des essais bi-dimensionnels, les déformations de la
maquette et le déclenchement de la transition.

Les effets des nombres de Reynolds réels sur les profils aérodynamiques et les voilures des aéronefs de transport,
dépendent principalement de deux phénomenes: le déplacement du point de transition et le déclenchement de la séparation.
Des écarts particulierement importants de la répartition des pressions et des coéfficients de force et de moment ont été
observés en fonction de 1a variation du nombre de Reynolds, lorsque le décollement s'étendait du pied du choc jusqu’au bord
de fuite du profil aérodynamique et lorsquune écoulement détaché changeait d'état pour devenir un écoulement attaché au
fur et & mesure de l'augmentation du nombre de Reynolds (ou vice-versa)

Dans le cas d'une écoulement attaché ou quasi-attaché. lus effets du nombre de Reynolds semblent moins importants,
sans étre insignifiants pour autant.

Tres peu de données sont disponibles concernant les configurations du type avion de chasse a faible allongement
relatant les effets du nombre de Reynolds. Pourtant, les données existante indiquent que les effets du nombre de Reynolds
sont peu marqués dans la majeur partie du régime de vol en question.

La réaction des corps au nombre de Reynolds est également étroitement liée au décollement. En considérant les
régimes classiques du nombre de Reynolds associés au corps, soit, sous-critique, critique, surcritique et hypercritique, les
effets visqueux sont particulierement forts dans le domaine des nombres de Reynolds critiques, ou d'importantes
transformations dans les forces aérodynamiques se produisent, en raison des effets du décollement en régime de transition
provoqués par les changements de viscosité.

L’écoulement n'est que peu sensible & des variations du nombre de Reynolds dans les domaines Reynolds sous-
critiques (laminaires) et hypercritiques (enti¢rement turbulents), ou le point de décollement est essentiellement regi par le
gradient de pression. L'effet du nombre de Reynolds dans les domaines critiques et surcritiques diminue rapidement aussi,
au fur et 3 mesure de 'augmentation du nombre de Mach, en raison de I'établissement de zones locales supersoniques,
engendrant des ondes de choc terminales d’une puissance telle a provoquer méme le décollement de la couche limite
tourbillonnaire.

Des modifications non-negligeables de la trainée de I'arri¢re corps ont été observées de fagon systématique, pour des
nombres de Mach sub-soniques qui correspondent a I'accroissement de la trainée en régime transsonique, par suite de
I'influence des changements de viscosité sur la détente de I'écoulement autour de I'épaulement de l'arriere corps et/ou la
recupération de pression en aval. La direction de ['influence du nombre de Reynolds, c’est a dire, P'augmentation ou la
diminution de la trainée de retreint en fonction du nombre de Reynolds, semble dépendre des changements de viscosité, qui
modifient d'une maniére prédominante soit 1a détente de I'écoulement autour de I'épaulement, soit la récuperation de
pression, cette derniére étant étroitement liée au développement du décollement sur la partie arriere de l'arriere corps.
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1. INTRODUCTION
by
A. Elsenaar
National Aerospace Laboratory NLR
Anthony Fokkerweg 2, 1059 CM Amsterdam
The Netherlands

1.1 Historical review

It is of considerable interest to examx ne the lfnes cf thought with respect to Reynolds number ef~
fects in the past. This review, however, is not intended to be a complete coverage, the main intention
being to highlight some of the more important events and related publications that increased the under~
standing or have changed the attitude nf the scientific community towards what fs called quite generally
"Reynolds number effects". In this AGARDograph the discussion of Reynolds number effects is restricted to
transonic flowa. Thus, one should look for the earliest evidence at the end of the second world war when
transonic flight became a topic of systematic scientific study.

Indeed, in the early fifties almost simultaneously a NACA [Ref. 52/2] and a RAE [Ref. 51/1] report
were published that dealt with Reynolds number effects on swept wing configurations. Both studies had
been initiated to investigate the cause of previously observed Reynolds number effects on lift and pitch-
ing moment of balance mounted models. These studies indicated, on the evidence of measured pressure dis-
tributions, that the region of shock-wave boundary layer interaction decreased with increasing Reynolds
number. In the NACA report it was argued that the typical lambda shock pattern for laminar shock-wave
boundary layer interaction as observed at a Reynolds number of 2 x 10**%6 disappeared at a Reynolds number
of 4 - 6 x 10*%6 due to turbulent boundary layer flow. This was less clear in the RAE tests in which lami-
nar boundary layer flow was still observed at the highest Reynolds number of 3.5 x 10%%6. However, at
that condition the size of the shock interaction region was much smaller as compared with the Re = 0.8 x
10**6 results (see fig. l1-la). The resulting change in the pressure distribution significantly affected
the section lift and pitching moment which was further amplified in the wing pitching moment due to the
swept wing configuration. The prevailing thought at that time was that, since a laminar boundary was very
suaceptible to (pressure or shock induced) separation, the turbulent boundary layer development at higher
Reynolds number would result in higher lift values. Instead, a decrease in 1lift was observed.

It was argued in the RAE report that fixing transition at low Reynolds number would remove the main pro-
blem caused by a thick laminar boundary layer. The results might then be comparable with the actual pres-
sure distribution at flight Reynolds number. It was already indicated in the report, however, that for-
ward fixation can produce premature trailing edge separation and a more forward shock (see fig. 1-1b). It
18 of interest to note here that the same figure shows a nice example of what 1is now called the "aft-
fixation" technique.

In 1954 a review written by Pearcey and Holder [Ref. 54/1] was devoted to a discussion of adverse
aerodynamic effects that severely limited flight handling qualities at transonic apeeds, i.e. high speed
buffet, aileron floating, wing-drop and pitch-up. It was argued that the effects were related to shock
induced separstion. The analysis is based largely on the interpretation of trailiny edge pressures that
appeared to rise quite suddenly for shock Mach numbers between 1.22 and 1.24. The problem of scale effect
was not specifically addressed, although it was mentioned in a footnote that for a proper comparison with
flight "the tunnel tests should, of course, be made with transition fixed". The case for transition fixing
was discussed in much more detail at about the same by Haines, Holder and Pearcey [Ref. 54/2] who stated
that "the major scale effects at highsubsonic and transonic speeds arise from differences between the
conditions under which laminar and turbulent boundary layers separate, and in how they behave after separa-
tion”.

As can be inferred from the "diagrammatic" sketch in figure 1-2 taken from Ref. (54/2), it was ex-
pected that scale effects were much less severe with turbulent boundary layer development and the result-
ing message was a clear one: fix the boundary layer in wind tunnel tests. Techniques discussed for doing
so are distributed roughness (carborundum and ballotini), wires, adhesive tape and blowing, and remind us
that there 1s uuiliing new today in tliis respect.

The noted difference between laminar and turbulent shock-wave boundary layer interactions was not at
all unknown at that time as fundamental studiea [see e.g. Ref. 46/1] had already indicated the phenomena
years before. The new aspect was the notion that the differences could be related to adverse aerodynamic
effects in high speed flight due to separation and scale effects. This noticn stimulated basic research
of shock-wave boundary layer interaction thereafter as reflected in a number of publications [e.g. Refs,
52/1, 55/1 and 55/273, At the same time, control of the ghock-wave formatfon on airfolls was attempted
leading finally to the design of shock free supercritical airfoils [see e.g. Ref, 62/1]. The classical
airfoil designs like the NACA 5S-series with laminar flow (provided the wing surface was smooth enough)
and without any appreciable rear loading, were replaced by designs of the "peaky” type (moving transition
near the nose) and with a substantial amount of rear loading.

In 1966 a NASA report [Ref. 66/1) written by Loving was published that showed large differences be-
tween wind tunnel and flight data for the C~141 ajrcraft (fig, 1-3), As he wrote: "the purpose of the
discussion is to caution experimenters concerning the use of wind-tunnel results in predicting flight
loads and moments when supercritical separated flow is present”. This event (or st least his figures,
judged by the number of times they have been referenced) swept through the aerodynamic community like a
shock wave, bringing a number of researchers and aircraft designers into a state of buffeting. Loving
himself reported that "the results disclosed herein should not come as 1 surprise; they are merely addi-
tional evidence of the problem associsted with separating flows". Scale effects had again become an area
of considerable concern.

In a 1968 paper by Pearcey, Osborn and Haines [Ref. 68/2), a physical model was postulated that ex-
plained the aspect of the problem in more detail. The flows about the mid-fifties type airfoils were clae-
sified as type "A" separation, dominated by strong shock waves with separation rapidly developing from
the shock to the trailing edge. This kind of flow was considered to be weakly Reynolds number dependent.
However, the larger load carried by the aft part of modern airfoils could provoke "classical" (low speed)
trailing edge separation even in the absence of shock waves which 18 considered to be Reynolds number
dependent. They noted: "It is not surprising, therefore, to find these sensitivities carried over into
flows in which rear separation and the local effects of the shock interact with one another, nor indeed
to find them amplified by the interaction”. They named this phenomenon type "B" separation. The publica-
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tion was followed by a large numbers of papers that discussed scale effects [see e.g. Refs. 71/1, 71/3)
wost often related to shock-induced boundary layer separation. Some publications focussed attention on
the means to calculate Reynolds nuwber effects [e.g. Ref. 71/7], others to simulate Reynolds number ef-
fects in the wind-tunnel [e.g. Refs. 68/1, 71/4). It was also argued that the final experimental answer
could only be expected from wind tunnels which could achieve the full scale Reynolds number. In 1971, an
AGARD meeting was organized in Goettingen specifically concerned with these problems ("Facilities and
Techniques for Aerodynamic Testing at Transonic Speeds and High Reynolda number"). Therefrom plans were
developed both in the US and in Europe, to build a high Reynolds number facility [Refs. 72/1, 72/4].

One other i{mportant change in judgement of the significance of Reynolds number effects should not be
left unsaid in this review, Initially the interest was mainly concerned with the start and consequencies
of flow separation. It was again Haines who noted in 1976 [Ref. 76/2] that "uncertainties (due to Rey-
nolds number effects) not only affect the flow separation characteristics but also the drag in conditions
where the flow 18 attached”. Its significance 18 that acale effects are not only of interest for off-de-
sign conditions but aiso for performance prediction at the design condition. The argument was even carried
one step further by Haines in Ref. {79/2] where it was argued that the optimisation of the aircraft design
is greatly hampered by the Reynolds number gap of the present day windtunnels (figa. 1-4).

In the absence of a flight Reynolds number facility and stimulated dby the aircraft industry that
simply can not afford a major design change or a short-fall in aerodynamic performance due to uncertain
scale effects, the study of Reynolds number effects is still continuing today. The most systematic infor-
mation in this respect is obtained from existing {e.g. Ref. 78/1] or newly developed [e.g. Ref, 82/1]
windtunnels in which the Reynolds number can be varied over a considerable range. This basic research has
not been restricted to airfoils or high aspect ratio wings but has also widened to other configurations
like slender bodies, afterbodies and delta wings. 9

Partly as a result of anomalies from these systematic Reynolds number studies, but also in its owr
right, a considerable interest exists with respect to the tunnel environmental and measuring technique
effects (like wall interference, tunnel noise and flow quality, transition tripping devices, etc.) in
relation to Reynolds number effects. As already indicated by Holder et al in 1955 [Ref. 55/1], flow qua-
11ty might have a substantial impact on the pressure distributions as measured in the wind tunnel (see
fig. 1-5 and compare with fig. 1-1). The influence of the tunnel enviromment on the transition location
appeared to be a hot item in the sirtfes in connection with what was called a "unit Reynolds number effect” 1
[Ref. 69/2]. The problem was more or less settled by Dougherty and Fisher (Ref. 80/4] in 1980. They were
able to correlate transition Reynolds number on a 10 degree cone in both wind tumnel and flight with asero-
dynamic noise. Conflicting results of drag measurements with the AGARD Nozzle Afterbody [Ref. 75/1] could
largely be explained when the Reynolds number effect on tunnel calibration was taken into account as poin-
ted out by Aulehla and Besigk [Ref., 74/2], Many more examples of this kind give as many warnings that the
"obgserved Reynolds number effects" are, in some cases, attributable to measurement error or the wind tun- ﬂ

nel (and/or flight) environment rather than Reynolds number per se.

This historical introduction has shown how the way of thinking with respect to Reynolds number ef-
fects has changed, not because of the physics changed but primarily because the frontiers of aerodynamic
design have been widened. To quote Haines once more: "evidence (from the past) has to be judged in the
context of the wing designs in the future" [Ref. 76/2]. And that is the intention of this AGARDcgraph.

1.2 Scope of report

1.2.1 Classification

Some kind of classification is needed for the description of Reynolds number effects. However, it
should be emphasized that not all of the phenomena that are loosely called Reynolds number effects, are
necessarily related to the "change in flow development with Reynolds number for a particular configura-
tion in free air”. Some of the observed Reynolds number effects in wind tunnels or unexplained differ-
ences between wind tunnel and flight happen to be caused by deficiencies in aerodynamic testing in ground
based facilities. These effects, named hereafter "pseudo Reynolds number effects" have sometimes hampered
the understanding of Reynolds number effects and, as 1s to be expected, will continue to do so even after
high Reynolds number facilities become available, These effects are considered to be of so much impor-
tance that they are dealt with separately in Chapter 2.

If we now restrict ourselves to "true" as oppomite to "peeudo” Reynolds number effects, they can be
discussed either in a fundamental way by isolating one particular aspect or flow phenomenon or as changes
in aerodynamic characteristics as observed on certain classes of aerodynamic shapes (Chapter 3 and 4).
For the latter, a more precise rlassification 1s possible, according to the particular flow characteris-
tice:
airfoils and high aspect ratio wings with flows that are essentially two-dimensional or very weakly L
three-dimensional (auch that local atrip theory still applies);

. low aspect ratio wings with a highly three-dimensional flow developmert characterized by free vortex
flow, highly skewed shock waves and/or three-dimensional separated regions;
slender bodies with free-vortex flow development and/or base flow interacting with a jet or plume,

It 18 the purpose of this AGARDograph to review some of the evidence on Reynolds number effects ana
to provide a kind of more general frame work that might assist in the understanding of the observed ef-
fects. The Reynolds number enters into the fluid dynamic equations through the viscous terms of the Na-
vier-Stokes equations, In other words, viscous effects constitute a neceasary condition for the occurence
of Reynolds number effects. But not all flows with embedded viscous regions are necessarily Reynolds num-
ber dependent. In a still most relevant review by Hall [Ref. 71/5], scale effects were defined as "the
complex of interactions between the boundary layer development and the external inviscid flow". This dis-
tinction between a viscous shear layer and the outer inviscid flow field can conveniently be used to de-
fine two kinda of Reynolds number effects (see fig. 1-6):

. direct Reynolds number effects which occur as a consequence of a change in boundary layer development
witl Reynolds number for a fixed ("frozen") pressure distribution and

. indirect Reybolds number effects which appear as variations in the pressure distribution and hence in
the aerodynamic characteristice due to.a chenge in the boundary layer and wake development with
Reynolds number.

This distinction 1s very useful fn a practical, operational sense as will be discussed next.




1.2.2 Dire.. crsus indirect Reynolds number effects

Aceording to its definition direct Reynolds number effects can be calculated or estimated with the
help of * undary layer calculation methods and/or semi-empirical correlations. However, the so calculated
direct Reynolds number effects are only relevant for the prediction of scale effects in so far as the
indirect Reynolds number effeccs are absent or negligible small. This 1s to some extent true for attached
flow conditions but as soon as local effects of separation (e.g. near the trailing edge or at the foot of
a shock wave) are present significant changes in pressure distribution might result. For larger separated
flow regions the distinction is even less relevant: direct and indirect Reynolds number effects are es-
sentially coupled,

This is all very similar to the distinction between weak and strong intersctions as used by Hall in
the above referenced psper. More recently this classification 1s also used in computational fluid dyna-
mics to describe the mathematical approach of the coupling of viscous and inviscid fluid flow (see e.g.
Ref. 83/2]. Basically, the strong interaction approach removes the so called Goldstein singulsrity for
gseparated flows and involves a (quasi-)simultaneous solution of outer (inviscid) and inner (viscous) flow
fields. In other words: for separated flows the direct and indirect Reynolds number effects are formaly
coupled.

The most simple and very regular direct Reynolds number effect 1s related to the change in boundary
layer development for,s well developed laminar or turbulent boundary layer. The boundary layer properties
generally vary as Re with n = 2 for laminar and n 3 5 for turbulent flow. Skin friction drag, being
the best ohservable example of a direct Reynolds number effect, varies accordingly. Equally important is
the change in displacement thickness with Reynolds number. This change modifies the external inviscid
flow field and is therefore, by definition, the cause of indirect Reynolds nuwber effects. It is to be
expected that a regular and continuous change in displacement thickness results in comparable swooth chan-
ges in the outer flow field.

A very significant and irregular direct Reynolds mumber effect stems from the transition from laminar
to turbulent boundary layer flow. For swept wings the attachment line flow can be either laminar or turbu-
lent, depending on Reynolds number, sweep angle and leading edge shape. For flat plate (subsonic or tran-
sonic) flow, a situation somewhat similar to the boundary layer develgpment ahead of the shock on trans-
port~type wings, the transition Reynolds number varies between 2 x 10 and 5 x 10 depending on noise
level and free-stream turbulence. The corresponding chord Reynolds number is often just in between the
Reynolds numbers of the wind tunnel model and the flying aircraft. These variations in tramsition location
may interact with the outer field in a highly non-linear way. They are very often clearly discernable in
the development of the aerodynamic characteristics. Even more important: laminar boundary layers fundamen-
tally behave differently compared with turbulent boundary layers. As a typical example, a much smaller
pressure gradient is needed for a laminar boundary layer to separate than for a turbulent boundary layer.
Consequently, transition point changes might trigger significant changes in boundary layer separation as
will be discussed next.

The most important direct Reynolds number effect i{s the Reynolds number influence on the start of
separation (separation onset or incipient separation) and the subsequent separation development. Vortex
burst or wake-stall are similar, but probably less critical phenowena in this respect. In all these cases
one deals essentially with an interaction between the vicous flow development and the inviscid outer flow
field, with large consequences for the pressure distridutiun, They are, for that reason, the cause of
significant indirect Reynolds number effects. The onset of geparation is very often described in terms of
a viscour flow parameter (shape factor, Reynolds number based on displacement thickness etc.), although
strictly speaking, locally a strong interaction approach may be more appropriate. When separations are
confined to a small part of the flow fleld (e.g. a leading edge separation bubble or » local trailing
edge separation) the effects on the outer flow field are only felt by a change in Kutta conditfon. This
1in turn affects the circulstion and hence the overall flov field. In scme cases, the resulting flow deve-
lopes continucusly, though sometimes highly non-linearly from the attached to partly separated flow condi-
tions. In other cases, however, the separatior might set-off a chain of reactions, leading finally to a
complete and sudden break down of the flow field.

The direct Reynolds number effects will not be discussed in great depth in this AGARDograph. A very
thorough discussion of these effects can be found in the report of the Research Committee of the AGARD
working group 09 "Wind Tunnel Boundary Layer Simulation and Control” [Ref. 88/1].

1.2.3 The sensitivity to Reynolds number: A matter of definition?

Some configurations or typer of flow are reported to be highly sensitive to changes in Reynolds num-
ber. But what precisely is meant with such a qualification?

Reynolds number sensitivity can be defined as the variation in aerodynamic characteristics (like
11ft, drag, pitching moment, pressure diatribution ...) with Reynolds number for a particular configura-
tion (shape) at constant flow conditions (like Mach, alpha ..,). This sensitivity can in principle be
nbtained by plotting the particular aerodynamic characteristic versus Revnolds number. Unfortunately, it
is not an easv matter to do an experiment in which only the Reynolds number is varied and all other flow
conditions sre kept constant. Even apart from tunnel environmental effects, that might introduce the
"peeudo” Reynolds number effects to be discussed in chapter 2, the nominal flow conditions in Mach and
incidence are rarely reproduced exactly. Also, in wind tunnel flight comparisons small configuration dif-
ferences are almost inevitable. Por these reasons the analysis of Reynolde number effects often requires
some kind of interpolation or, at least, an estimation of the involved accuracies.

If it is assumed that the derivative with respect to Reynolds number can be defined for a particular
aerodynamic characteristic, it etill remains to be judged 1f the Reynolds number sensitivity is large or
small. A very pragmatic criteria is: Reynolda number effects sre large when they affect significantly the
design (performance) of an afrcraft as derived from sub-scsle wind tunnel testing. Three drag-counts vari-
ation in drag-creep will be significant for a transport type aircraft, but irrelevant for a manoceuvring
condition of a fighter configuration. An other, alightly different view is that Reynolds number effecte
should be considered large when the indirect Reynolds number effects are large. Most direct Reynolde num-
ber effects (like skin-friction) follow well established rules. One should only worry when the indirect
Reynolds number effects are significant. I[ndeed, very often changes in pressure distribution are presen-
ted to emphasize that a particular kind of flov is Reynolds number sensitive. Unfortunately, such a proof
is not sufficient since sowme pressure distridutions are sensitive to changes in other flow conditions as
well. A typical example is the design condition of certain supercritical airfoils that are known to be
very sensitive to small Mach number and angle of incidence changes (see fig. 1-7; note that these results
have been obtained in an adaptive wall wind tunnel wvhere flow conditiomns are exceptionally well defined
(Ref. 85/11).




The quantification of Reynolds number sensitivity from the change in pressure distribution is clear-
1y not applicable when the particular aerodynamic characteristic is not a continuous funtion of the flow
conditions. Such situations typically occur when the flow changes from one type to the other, connected
with events like:

~ the onset of vortex formation on a delta-wing

-~ the maximum lift boundary

- lift divergence

- vortex break-down

- etc.
A typical example is presented in figure 1-8. At alpha = 2° the pressure distribution hardly changes with
Reynolds number whereas near the maximum 1lift boundary at alpha = 3° large differences can be observed
(note that this figure has some similarity with the classical Reynolds number case presented in fig. 1-3).
An other example [Ref. 80/1)] is given in figure 1-9 where pressure distributions on a delta wing are pre-
sented just before (high Reynolds) and beyond (low Reynolds) vortex formation. These examples do not real-
ly prove that a particular type of flow is highly Reynolds number sensitive. Instead, when such disconti-
nuous changes are present in the flow development, the Reynolds number effect should be expressed as the
variation in the boundary between two flow regimes, rather than comparing pressure distributions from two
basically different flow regimes. Only when this variation is significant (e.g. in terms of the flight
envelope) one can speak of a large Reynolds number gensistivity.

In view of these arguments it might be advantageous to consider the Reynolds number effects in the
lift-Mach number plane (fig. 1-10). In this plane (mapping the flight envelope) typical flight conditions
1ike cruise, maximum 1ift, drag-rise, etc. are defined. Off-design boundaries (very often related to dis-
continuities in flow development) are also defined in this plane and the aircraft designer actually wants
to know how these boundaries change with Reynolds number. Also, the aircraft is designed for a particular
11ft at a chosen Mach number and the aircraft designer wants to know how the pressure distribution, the
drag, the pitching moment, etc. changes with Reynolds number for that particular 1ift/Mach number combi-
nation. He will be only indirectly interested in the change of angle of attack for constant lift. He is
most likely not interested in the change in pressure distribution at constant angle of attack although
this is very conveniently measured in the wind tunnel. For these reasons the analysis and interpretation
of Reynolds number effects is often preferably done in the lift-Mach number plane, at constant 1lift, con-
stant Mach number or a combination of both.
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2.0 POTENTIALS FOR PSEUDO-REYNOLDS NUMBER EFFECTS
by
T. W. Binion, Jr.
Calspan Corporation/AEDC Operations
Arnold Air Force Base, TN 37389

2.1 INTRODUCTION

Reynolds number effects have been traditionally determined by testing a given model
in a variable Reynolds number tunnel, testing a given model in several wind tunnels with
different Reynolds number capabilities, testing similar models of different scale in a
given or different wind tunnels, or a combination of the three. The data are then
extrapolated to flight using various semi-empirical correction techniques. Almost every
parameter which can introduce spurious effects into wind tunnel data has the potential to
vary from tunnel to tunnel at the same nominal test condition or from one Reynolds number
to another in a given tunnel. Factors which have the potential of introducing pseudo-
Reynolds number effects include wall interference, tunnel Mach number calibration, noise,
turbulence, humidity, nonuniform flow (flow angle, tem-perature and pressure gradients),
flow contamination, sidewall effects in two-dimensional tests, thermal non-equilibrium,
model deformation, and transition fixing. In some instances not only are the effects of
the parameters not well understood, their influences may be coupled and not easily
separated by experimental techniques. At present, the theoretical capability does not
exist to evaluate the individual effects of the above factors with confidence much less
their potential coupling. Thus, some of the discussion below is somewhat speculative.
Nevertheless, the evidence presented is strong enough to elicit a degree of caution in
ascribing the cause of variations of data with Reynolds number solely to Reynolds number.

2.2 WALL INTERFERENCEl

Attempts to experimentally assess the effects of wall interference have been
careful to keep as many parameters constant as possible, e.qg., model support, instrumen-
tation, transition location, test conditions, etc. Therefore, there is not much direct
evidence of wall interference varying with tunnel Reynolds number. J. Smith (NLR) has
calculated the wall interference for two Reynolds numbers from boundary conditions
measured between the slots of the NLR High Speed Tunnel with a 50-cm chord full span 2D
airfoil. Although the changes in interference are small as a function of Reynolds number,
Pig. 2-1, "they are still gubstantial when compared with some observed Reynolds number
effects", Ref. [83/41.

For porous walls it has been established in experiments by Jacocks, Ref. [76/5],
and Chan, Ref. [82/6], that the wall crossflow characteristics are a function of the
local wall boundary-layer characteristics. Thus, not only does this imply that wall
interference is a function of tunnel Reynolds number but also the model imposed pressure
distribution on the wall as it affects the displacement thickness. Subsequent to Ref.
{76/5], Jacocks, has correlated the classical wall porosity parameter, dCp,/d6, with a
nondimensional wall parameter, (tt/d)2?Res,r where t is the wall porosity, t the wall
thickness, d the hole diameter, and Re8, the Reynolds number based on the porous wall
boundary-layer displacement thickness. The correlation shown in Fig. 2-2 clearly
demonstrates the porous wall boundary condition, hence wall interference, varies with
Reynolds number. It should also be noted that, particularly with a ventilated wall, Reg
varies with the pressure distribution over a given wall which is a function of test
conditions, model and support configuration, and model attitude. Theory does not yet
allow a detailed computation of the local wall boundary condition, nor has it been
established that sguch a detailed specification is necessary. However, for the AEDC
tunnels, Jacocks also has correlated Re,* at the tunnel nozzle exit with Reynolds number
based on the contraction nozzle length, Fig. 2-3. If one accepts the variation of Reg*, as
an indication of the variation of the wall boundary condition with tunnel Reynolds
number, then combining the equations in Figs. 2-2 and 2-3 yields

dc d -
P_gaad 28 {2-1)
—= =534 ” (ReCN)

at least for the AEDC tunnels.

iThe analysis presented draws upon an unpublished document by Dr. E. M. Kraft,
Calspan Corporation/AEDC Operations.




The potential effect of Re on wall interference may be estimated from the classical
theory of Ref. [69/1]. Shown in Pig. 2-4 is the variation of the 1lift interference factor
with the wall porosity parameter, Q, defined for incompressible flowl as

- R B (2-2
Q [”n )

where
=1ﬂdCJd¢

The change in the lift interference factor caused by variations in unit Reynolds number
for Tunnel 4T is indicated in the figure and accompanying table. The tunnel Reynolds
number effects are substantial.

Experiments ~onducted on an A-10 aircraft model, Fig. 2-5, in Tunnels 16T and 4T by
J. M. Whoriec, yielded some information on the effect of Reynolds number on wall
interference. The model blockage was 0.13 and 2.11 percent in 16T and 4T, respectively.
Because of the small blockage ratio, the 16T data are considered wall interference free.
The two tests were conducted with the same instrumentation, support sting, and test
conditions. The difference between the 16T and 4T angle of attack, pitching moment, and
induced drag at constant 1lift is shown in Pig. 2-6 for two unit Reynolds and Mach
numbers. Even though the tests were conducted transition free, the transition Reynolds
numbers based on Dougherty's cone data, Ref. [82/7], at the conditions of the comparison
are almost identical in the two tunnels, Furthermore, the A-10 data from 16T exhibited no
Reynolds number effects. Thus, the data variations with Reynolds number are the result of
phenomena in 4T. The Aa is not zero at C. = 0 because the tail incidence is 6 deg with
respect to the wing. Therefore, both the wing and tail are lifting, albeit in opposite
directions at Cp = 0, which causes lift interference in Tunnel 4T resulting in an effec-
tive angle change for zero lift. The classical 1lift interference applicable to the A-10
was shown in the table accompanying Fig. 2-4. While classical theory would not be
expected to produce accurate results for such a large and complicated model or even
necessarily the correct trends at transonic Mach numbers, the theoretical 1ift
interference slopes, da/dCy, agree rather well with the data in Fig. 2-6a, particularly
at low 1lift. Theory aside, if wall interference is the dominanc variable between the two
data sets, then the data in Pig. 2-6 strongly suggest that wall interference is a
function of Reynolds number for both Mach numbers since the variation of the coefficient
differences is corsiderably different for each Reynolds number. PFurthermore, the fact
that Aa is not iinear with C; suggests that the wall interference boundary condition is
not constant with Cp which is not inconsistent with the hypothesis that the boundary con-
dition is a function of the model imposed pressure distribution.

2.3 NOISE AND TURBULENCE

Pate and Schueler, Ref. [69/2], and Dougherty, Ref. ([82/7), have shown that the
location of boundary-layer transition is influenced by aerodynamic noise. Dougherty
devised a correlation function between transition Reynolds number and root-mean-square
pressure fluctuation shown in PFig. 2-7. Recently, however, Murthy and Steinle, Ref.
[(86/2), have re-examined Dougherty's and other data and suggested that at transonic
speeds, if the tunnel noise is less than about 1% rms Cp, noise may not affect transition
at all, the real mechanism being turbulence. For Tollmien-Schlichting type transition,
the spectral content of the disturbances in relation to the laminar instability frequency
is probably the factor in producing premature transition [87-3]). While it is difficult to
decouple the effects of noise and turbulence in wind tunnel data, free-stream turbulence
by itself can exert a substantial influence on transition location. For example, Mignosi,
Ref. (85/7), has calculated the effects of free-stream turbulence on the skin friction
distribution for a supercritical airfoil, FPig. 2-8. The calculations indicate that
transition location on the upper surface is a strong function of rather small variations
in turbulence. The laminar boundary layer on the lower surface separates at about 60%
chord and transition occurs at the end of the separation zone. In a given non-cryogenic
wind tunnel, the amplitude and spectra of the noise and turbulence, hence transition
location, is a function of unit Reynolds number, i.e., tunnel power. For models with free
transition, variation of free-gstream noise and/or turbulence with tunnel power could
produce a pseudo-Reynolds number effect by causing transition location to be a function

1Even though the theories in Ref. [69/1] claim applicability to compressible flow,
experience does not substantiate such a claim.
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of tunnel Reynolds number rather than model Reynolds number., Such effects can be
partially avoided by fixing transition forward of the free transition location.

There is no known clear evidence that noise affects boundary-layer properties other
than trangsition location. However, several investigators have obtained experimental
evidence of the effect of free-stream turbulence on boundary-layer properties. Green,
Ref. [73/2], working with low-speed zero-pressure-gradient data and taking Reg as a
characteristic parameter showed that "not only is the effective Reynolds number highly
sengitive to turbulence - the fractional increment in Reg is 60 times that in u'/ue...-
but also this sensitivity increases with increasing Reynolds number." Raghunathan and
MchAdams also found a strong influence of turbulence on attached zero-pressure-gradient
turbulent boundary layers up to 0.8 Mach number and Reg from 3- to 10-thousand, Ref.
{82/8]. They conducted further experiments using a 9% thick circular-arc tunnel-wall bump
at Mach numbers from 0.65 to 0.78, Refs. [83/5] and [83/6]). Transition was fixed upstream
of the bump. The variation they obtained of trailing-edge separation length, shock
location, and the ratios of boundary~layer momentum thickness, shape factor, and
displacement thickness upstream and downstream of the shock are shown in Fig. 2-9. The
major conclusions of those experiments were: (1) increasing turbulence intensity causes
the shock position to move downstream, (2) while free-stream turbulence affects Regand
8% upstream of the shock, it also appears to have a direct effect on the shock boundary-
layer interaction and hence shock position, and (3) increasing turbulence intensity
produces a decrease in the length of the trailing-edge separation region and hence an
increase in pressure recovery.

The data which Green analyzed did not contain any information below turbulence
values of 1%. The values of turbulence intensity on the Raghunthan and MchAdams
experiments, 0.3 to 6%, were also larger than encountered in many wind tunnels., Mr. Peter
Bradshaw, has argued, as discussed in Ref. [23/2]), that the variation of gross boundary-
layer properties with turbulence should be parabolic such that the effects at low values
of turbulence (< 1l%) would be diminished and negligible. Further experiments by
Raghunthan and McAdams, Ref. [85/9), while not specifically confirming Bradshaw's
hypothesis, do show that for fixed transition the effects of turbulence below 1% are
small at least for the 18% circular arc airfoil. With free transition there is, of
course, a coupling between the well-known effects of turbulence on transition location
and the effects depicted in Fig. 2-9. The experimental configurations used in each of the
above cited experiments are not particularly sensitive to small changes in any parameter
relative to a supercritical airfoil for example, Fig. 2-8. Therefore, the results should
not be discounted merely because the turbulence values were large. It seems logical to
conclude that if the flow over the model being tested is sensitive to small changes in
boundary-layer properties and if turbulence intensity varies with tunnel Reynolds number
(power), then even with fixed transition location a pseudo-Reynolds number effect is
possible.

2.4 HUMIDITY EFFECTS

The effects of water vapor condensation in the free-stream flow at supersonic Mach
numbers have been recognized for many years. In 1979 preliminary data were obtained in
Tunnel 16T during the tunnel drying process which indicated lift, pitching moment, and
axial force all varied significantly as a function of specific humidity at subsonic Mach
numbers, provided a portion of the flow over the model was supercritical. Typical data
acquired with two scale models of the same configuration are shown in Fiqg. 2-10. Note
that the effects begin with the dewpoint temperature 10° below the static temperature.
Other, although rather crude, data were obtained which indicated the aerodynamic
coefficient variation, both in magnitude and form, was a function of model configquration.
It is hypothesized that the variations were caused by water vapor condensation in the
supercritical portion of the flow field and hence are potentially a function of Mach
number, temperature, pressure, model attitude, configuration and, because of condensation
rate kinetics, model size.

A computer program has been devised which solves the Euler equations along with the
energy and specie conservation equations for two and three-dimensional transonic flows,
Ref. [85/8]. The code has been verified with almost exact replication of condensation
data from a 1l0-cm-diam supersonic nozzle, Ref. [63/1], and unpublished calibration data
from Tunnel 165 nozzle (4.9-meter exit diameter). Therefore, the code appears to have
wide ranging applicability. Results from the code applied to the two- dimensional, 200-mm
chord, CAST 10 airfoil tested by Stanewsky, Ref. [83/7], is presented in Fig, 2-11 for
two Reynolds numbers obtained by changing the tunnel total pressure. The value of
specific humidity at which the dewpoint temperature equals the free-stream static
temperature {8 0.07 and 0.018 for the 3- and 1l-atm total pressure condition,
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respectively. Thus, the effects occur at humidity values much below the saturation value.
Three conclusions are obviocus:

1. There is a significant variation in each coefficient with specific humidity.
2. There is a significant effect of Reynolds number at a constant humidity.

3. The higher the total pressure the lower the value of specific humidity at which
the effect begins and the greater the effect., The effect is a consequence of the
thermodynamic relationship between saturation specific humidity and pressure and
of the higher energy release per unit weight of air as pressure is increased.

As shown in Fig. 2-12, the humidity effect is manifested first as an increase in pressure
on the airfoil upper surface and, as specific humidity increases, by a forward movement
of the shock position. In each instance, the change in the sign of the axial-force slope
corresponds to the beginning of the forward movement of the shock.

The conclusions expressed in this subsection only apply to the specific conditions
of the calculations. There is not yet enough experience nor experimental variation to
generalize. However, the calculation results are sufficiently compelling to warrant the
meagurement of humidity as a parameter which defines the test conditions and an
assessment of its influence when trying to define true Reynolds number effects.

2.5 TUNNEL CONTAMINATION

The contamination of tunnel flow by particles small enough to be airborne and
simultaneously hard enough to cause pitting of model surfaces in stagnation point regions
will lead to premature boundary-layer transition. Aluminum models are particularly
susceptible to such damage. From a Reynolds number effect viewpoint, roughness at the
leading edge would mask any true transition movement with Reynolds number effect, negate
the effectiveness of transition trips which would normally be downstream of the
stagnation region and could conceivably produce an unrealistic variation of transition
location with angle of attack, Mach number and Reynolds number. In all but the most
severe instances, the effects of tunnel contamination can be avoided by using hardened
steel models.

2.6 TUNNEL CALIBRATION

All aerodynamic data exhibit some sensitivity to tunnel calibration parameters. It
has been shown that the calibration of perforated tunnels is a function of Reynolds
number, Ref. (78/3]. Aulehla and Eberle, Ref. [82/9], using computational results, argue
that calibration of a solid wall tunnel is a function of Reynolds number which, if not
corrected, will produce an erroneous variation of shock position with Reynolds number.
Perhaps the parameter most sensitive to errors in tunnel calibration is afterbody drag
whose sensitivity near zero can be shown to be

2A AM
AC, =

=24
Aw A(1+ Qmuﬂ

where A is the cross-sectional area, A, the wing area, and M the turnel Mach number. The
afterbody drag error is equal to the error in free-stream pressure acting on the model
cross-sectional area. For a typical fighter aircraft an error of 1 count in afterbody
drag is produced by the Mach number error shown in Fig. 2-13. Such extreme gensitivity to
small errors requires not only very careful calibrations, but also that all factors which
affect the tunnel calibration are properly considered.

(2-3)

One example of the effects of calibration error is shown in Pig. 2-14 wherein the
integrated pressure drag on a body of revolution is presented with and without the
Reynolds number correction to the tunnel calibration, Ref. [80/8). The fact that the
slopes of the uncorrected forebody and afterbody curves are of opposite sign is caused by
the free-stream pressure-area term acting in the opposite direction for the two integra-
tions. Proper application of the tunnel calibration essentially eliminates the variation
of pressure drag with Reynolds number. There is still a small error in free-stream
pressure at the lowest Re in Pig. 2-14 which wag not properly removed in the calibration.

Other examples and an extensive discussion of the effects of not calibrating
variable density wind tunnels as a function of Reynolds number has been published by
Auleha in Ref. {(87/1).




2.7 SIDEWALL EFPECTS IN 2-D TESTS

There has been a lot of attention paid to the effect of the sidewall boundary layer
on two-dimensional test data, Refs. [82/10] and [83/8] for example. However, no one seems
to have considered the effect tunnel Reynolds number has on the sidewall boundary layer
and hence its influence on the model data. The effect the sidewall boundary layer can
have is illustrated in Fig. 2-15, which presents data witn "adequate" sidewall boundary
layer removal (according to the authors of Ref. ([B83/8])) and none. The effects are
obviously large, leading to the hypothesis that unless the boundary layer receives the
proper conditioning or the aspect ratio is large (greater than 2.5), tests defining the
variation of two-dimensional data with Reynolds number contain large pseudo-Reynolds
number effects. The definition of what constitutes proper conditioning has not been
totally agreed upon by the testing community and may vary from facility to facility.
However, the procedures summarized in Ref. [87/2), which are being used in the Langley
0.3m TCT Facility, significantly improve data comparisons.

2.8 NON-UNIFORM FLOW

Obviously a tunnel-empty spatial gradient of any free-stream flow property can
affect model data depending upon its magnitude and the model configuration. There is
little information known which indicates if the gradient of parameters normally con-
sidered in this category, pressure, temperature, and flow angle vary with tunnel Reynolds
number. Considering the mechanisms which could cause gradients to vary with Reynolds
number, only the variation of the wall boundary layer influencing buoyancy appears
plausible. Such is possible in a solid wall wind tunnel but not likely in a ventilated
test section. Unpublished data from a porous tunnel indicate buoyancy is not a function
of Reynolds number. Also, there is no reason to expect either tunnel temperature or flow
angle is a function of Reynolds number. It should be noted that buoyancy-like gradients
in %, y, and z due to wall interference can exist and be a function of Reynolds number.

2.9 THERMAL NONEQUILIBRIUM

Although not as severe a problem in a continuous flow tunnel as in a short duration
facility, heat transfer into or out of the model can produce spurious effects on data
which are sensitive to the boundary-layer properties. In short duration facilities
gignificant differences are likely to arise between the temperature of the model and the
recovery temperature of the stream. Since the temperature of the stream is influenced by
throttling the flow from the reservoir to tunnel total pressure, the stream temperature
is generally a function of tunnel Reynolds number, i.e., of the throttling pressure
ratio. Unless provisions are made to cool the model prior to each test, the stream will
be appreciably cooler than the model. The resulting heat transfer will significantly
alter the boundary-layer properties and appear as a spurious scale effect. A brief study
of this phenomena, Ref., (72/6), concluded that an increase of 1% in model-to-free-stream
temperature ratio would produce an effect roughly equivalent to a 3i% reduction in
Reynolds number. For Reynolds number variations within a given tunnel, the problem may
not be significant. For example, expanding air from a 300-atm pressure reservoir at 300°K
to 50 atm reduces the stagnation temperature to about 270°K; whereas, expanding to 1 atm
reduces the temperature another 10°K. At a constant Mach number the real gas effects
between conditions at 50 atm and 1 atm would be equivalent to a 13% Reynolds number
change within the tunnel. However, if the data from a blowdown facility with the model at
room temperature were compared to a similar condition wherein the model was in thermal
equilibrium, the data at 1 atm would contain an effect equivalent to a 53% change in
Reynolds number because of the effect of heat transfer on the boundary layer of the model
in thermal non-equilibrium. While the numbers given are very approximate, the effects are
significant and should be considered when comparing Reynolds number data from short-
duration facilities.

Dougherty and Pisher, Ref. [80/4], deduced the effect of non-adiabatic wall
temperature on transition Reynolds number measured on a 10-deg cone both in flight and
the AEDC Tunnel 47. The empirical relationship derived from their data

Re /Re, = (rw/'rw)" (2-4)
aw

encompasses at least a Mach number range from 0.55 to 2.0 and temperature ratios from
0.95 to 1.08. Such a large sensitivity could introduce pseudo Reynolds number effects
depending upon how a particular test was conducted and the sequential relationship
between Re, Tay, and time.
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It has long been recognized that temperature changes in continuous tunnels can
manifest as balance shifts. Strain gages have been temperature compensated to minimize
the effect. However, work by Ewald and Krenz, Ref. [86/6], has shown significant sensi-
tivity (80 pv) of axial-force gages to moderate thermal gradients (8°C} within the
balance structure. Since the mechanism producing the effect is heat transfer into one end
of an internal balance, the time constant is measured in hours requiring long times to
reach thermal equilibrium. Such effects will be very pronounced in cryogenic facilities.
If the tunnel temperature is varied systematically as a function of Reynolds number, the
data from an internal balance may well contain a pseudo-Reynolds number effect.

2.10 MODEL DEFORMATION

While it is recognized that wind tunnel model support systems deflect under load,
the models themselves are generally considered to be rigid. However, to comply with the
present day accuracy requirements such assumptions may not be valid. As an example, the
deflections of the two-dimensional model reported in Ref. (83/7) were computed. The model
has a 200-mm chord and a 510-mm span. It was assumed to be rigidly constrained at the
tunnel walls and made of solid steel. The calculated change in the mid-span angle of
attack caused by torsional bending for Re = 30 x 106 and 2-deg incidence varied between
0.07 and 0.10 deg in the Mach number range 0.6 to 0.8. The effect of such changes is
shown in Pig. 2-16. The data at 30 x 106 Reynolds number have been corrected to account
for the computed torsional deflection of the airfoil. The correction reduces the differ-
ence between the 10 x 106 and 30 x 106 curves by more than a factor of two except at Mach
number 0.8 at which the wing is almost completely stalled and there is little variation
of 1lift with incidence. Model deformation does not significantly influence the data at
the 10 x 106 and 4 x 106 Reynolds number since the loads are relatively low.

As another example, the wing torsional bending of the ONERA calibration model MS,
Pig. 2-17, was also calculated. A solid steel wing was assumed although the wing does
contain pressure orifices. The change in incidence as a function of semi-span location is
shown in Fig. 2-18 for Mach number 0.84, lift ccefficient 0.4, and various Reynolds
numbers. The deflections at the higher values are large enough to cause variations which
could be interpreted erroneously as Reynolds number effects. In this instance, the wing
dihedral also changes with Reynolds number. However, the dihedral effects should be less
than those caused by the change in wing twist.

2.11 TRANSITION FIXING

A final word is needed on transition fixing as it relates to Reynolds number
effects. A boundary-layer trip is sized for a particular Reynolds number, Mach number,
pressure gradient condition. Substantial deviation from that condition results in either
an over- or under-fixed boundary layer. The necessary variable range for the deviation to
be substantial is not very well defined. A systematic study has not been published.
Nevertheless, the necessary range seems to be several times less than the range of most
test condition variables. Most studies have indicated one must change grit size with Re.
The consequences of overfixing is that the turbulent boundary layer may be thicker than
desired and the drag higher because of grit drag. The consequences of under-fixing are
that the transition zone is either longer than for a just adequate trip height or the
transition is downstream of the desired location. In each situation consequences can
accrue in all aerodynamic parameters. An example of the consequences of over-, under-
fixing is given in Fig. 2-18 taken from Ref. (84/6]. Obviously, if Reynolds number is
varied with fixed transition without changing grit size appropriately with Re or with a
non-hydraulically smocth surface, the resulting variation in aerodynamic coefficients
with Reynolds number is not a true scale effect.

TR e &
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3. OBSERVED REYNOLDS NUMBER EFFECTS: AIRFOILS AND HIGH ASPECT RATIO WINGS
by
A, Elsenaar
National Aerospace Laboratory NLR
Anthony Fokkerweg 2, 1059 CM Amsterdam
The Netherlands

3.1 Introduction

After the preceding discussion of the pseudo-Reynolds number effect, this and the following chapters
are concerned with the Reynolds number effects as actually observed on various aerodynamic configurations.
In doing this, the classification as discussed in section 1.2.1 will be followed. The experimental infor-
mation has been selected from the open literature and from unpublished results of the National Aerospace
Laboratory NLR in the Netherlands. As far as possible results that were part of a larger systematic study
have been used. In this way the internal consistency of the data could be checked to some extend. More-
over, only results with transition close to the leading edge have been used (with the exception, of cour-
se, of section 3.2). But it can not be excluded completely that part of the data still contain some measu-—
rement error or " do-Reynolds ber effects", as discussed in chapter 2.

The flow about two-dimensional airfoils has drawn a lot of attention in respect to Reynolds number
effects. The attentfon {s caused by the fact that the first high Reynolds number facilitfes were, because
of their aize, mainly used for two-dimensional testing. But also two-dimensional flow is relevant for
high aspect ratio wings. Thus two-dimensional and high aspect ratio configurations are discussed together
in one chapter.

To obtain a better understanding of the problems involved, this chapter has been sub-divided into a
number of sections. As a first distinction the state of the boundary layer is used. Flows with a substan-
tial amount of laminar boundary layer development are di d separately from flows with a fully turbu-
lent boundary layer. The reason is that transition location variations, laminar shock-wave boundary layer
irteractions and, in some cases, laminar separation bubbles introduce typical flow phenomena that are
absent in flight where normally well developed turbulent houndary layers are found. Helicopter blades and
the flow on propeller blades are an exception (due to the low chord Reynolds number), but they can be
tested at their full scale Reynolds number in ground based facilitiee and do not represent an extrapola-
tion problem. Cne other class of airfoils is excluded: the (either forced or natural) laminar flow air-
foil. They deserve a very special attention from the point of view of Revnolds number effects which is
beyond the scope of this AGARDograph. In section 3.2 a number of examples related to drag, maximum lift
and pitching will be di d to illustrate the point that tests with free transition behave quali-
tatively different from flows with mostly turbulent boundary layer development (whether caused by natural
transition close to the leading edge or by artificial wmeans such as fixation). Free transition results
can even by very misleading for flight conditions.

The next two sections are only concernmed with Reynolds number effects observed on configurations
wvith fully turbulent boundary layer flow., This allows a systematic discussion of the problem. Use will
also be made of the distinction (as discussed in section 1.2) between direct Reynolds number effects (re-
sulting from changes in boundary layer development) and indirect Reynolds number effects (that appear as
changes in pressure distribution). In section 3.5 the question how relevant two-dimensional flows are to
high aspect ratio wings will be addressed. It will be argued that certain conditions must be met before
one can spesak of a good correspondence between two- and three-dimensional flows.

The last section of this chapter summarizes the preceding discussions especially in view of the use-
fulness of wind tunnel tests for flight predictior. The AGARD working group WG-09 addresses this topic
specifically and for more information their final report should be consulted (see ref.00/1). However, the
analysis presented in this chapter is hopefully useful in reducing the uncertainty implied in the full
scale prediction on the basis of sub-scale wind tunnel tests.

3.2 Effects related to partly laminar boundary layer flow

3.2.1 The direct effect on drag

Boundary layer transition appears to be a function of Reynolds number, pressure distribution, sweep
angle, flow quality, etc. On the basis of empirical criteria, it can be determined in principle if the
boundary layer will be laminar or turbulent in the ving tunnel or in flight. For a smooth flat plate boun-
dary layer the transition Reynolds number is 2 to 5x10  depending on noise level and turbulence intensity.
This indicates that an airfoil with a flat pressure,distribution might experience substantial regions of
laminar flow for chord Reynolds numbers below 10x10°. This will be even more true for laminar flow air-
foils (like the NACA 6-series). For "peaky"-type pressure distributions the pressure grsdient near the
nose will trigger transition, almost independent of Reynolds number. Leading edge contamination complica-
tes the situation even moge for wings with an appreciable wing sweep. Therefore, at tunnel Reynolds num-
bers of the order of 3x10" laminar or turbulent boundary layer flow will be found, depending on wing geo~
metry and flow conditions, For the same reason appreciable transition location variations might be found
on wind tunnel models as the Mach number or the incidence is changed. On the other hand it is generally
assumed that the boundary layer will be predominantly turbulent at flight Reynolds numbers (say in excess
of 20x10°) unless the airfoil has been designed specifically for laminar flow. By and large, appreciable
differences in transition location are poasible between wind tumnel and flight.

The skin fraction drag of a laminar boundary layer is significantly less than that of a turbulent
boundary layer. Therefore, transftion location variations have a very pronounced effect on drag. As a
rule of the thumb one can state that a 1Z chord transition point variation corresponda roughly with half
a drag count. Consequently, transition point variations play a dominant role in the variation of drag
with Reynolds number as 1s well illustrated when comparing test results with fixed and free transition
(r1g. 3.2-~1). Along the laminar lower-left branch of the drag_curve in this figure transition moves clo-
ser to the airfoil nose till a Reynolds number of about 10x10°. In this case the tranaition variation has
been caused by a Reynolds number increase either in a direct way or by an increase in noise level or tur-
bulence intensity. At constant Reynolds number the transition point might move as a result of a changing
pressure distribution, e.g. with Mach number. Thie {s typically rt=r-ved on the upper surface of supercri-
tical airfoils with a roof-type pressure distribution. A rather extreme case (18X thick supercritical
airfoil) is presented in ffgure 3.2-2. The transitfon movement is coupled with the rearward movement of
the shock (Fig. 3.2-3). The resulting effect on drag is strongly felt at Mach numbers in excess of 0.7
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and shovs up as a very deep drag bucket around the design Mach number. In this particular case the effect
has been amplified by the fact that the turbulent boundary layer in combination with the shock causes a
trailing edge separation below Mach = 0.7 as the tralling edge pressure development indicates. Less extre-
me examples for two other airfoils are presented in figure 3.2-4., Transition fixing near the nose comple-
tely eliminates the drag bucket near the design condition. The figure is also included to show how tran-
sition variations on the lower surface can easily be interpreted as a significant difference in drag
creep between these two airfoils that have identical upper surface pressure distributions and differ only
in the lower surface airfoil geometry. All these examples illustrate the necessity to measure and/or con-
trol the transition location on airfoils for accurate drag assessment.

3.2.2 Indirect effects on the pressure distribucion

It could be argued that the change in airfoil contour through the relatively thin (eiiher laminar or
turbulent} boundary layer will have only a minor effect as far as the pressure distribution is concerned.
This is, however, not entirely true. The Rutta condition is directly influenced by the boundary layers
nrear the trailing edge. And the Kutta condition in turn affects significantly the overall circulation in
addition to the effect of the boundary layer displacement thickness on the effective airfoil thickness
and camber. Moreover, when boundary layer separations are present (e.g. a leading edge bubble, a separa-
tion underneath the shock or at the trailing edge) the interaction with the outer flow i{s an essential
feature with substantial local or even overall effects on the pregsure distribution, The difference be-
tveen laminar, transitional or turbulent shock-wave boundary layer interactions is particularly important.
The dominant effect appears to be a variation of the interaction length as discussed in more detail by
Green (Ref. [71/2]; see also fig. 3.2-5). The extent of the interaction appears to decrease with increa-
sing Reynolds number (apart from an anomaly at the lower turbulent Reynolds number range). This is all
very well reflected in the pressure distributions as presented in the figures 3.2-6 and 3.2~7. Note that
in the last example hardly any changes are noticeable in the pressure distribution with fixed boundary
layer transition. These cases are very typical for the laminar-type airfoils of the 1950's as discussed
in section l.1.

The elimination of the high Mach number peak (as found with a turbulent boundary layer) due to the
laminar shock-wave boundary layer interaction as shown in the preceding figures appears to be generally
less pronounced for modern supercritical airfoils with a characteristic "roof-type" pressure diatribu-
tion. The interaction region can still be recognized in the form of a pressure plateau ahead of the
shock, but the dominant effect appears to be an upstream movement of the shock itself as indicated for
two different airfoils presented in the figures 3.2-8 and 3.2-9. In both examples a change 1n pressure
distribution can be noticed when the transition point is moved artificially (in an attempt to simulate
Reynolds number changes) at constant Reynolds number. The very large effect on the shock position (as
much as 30% chord for airfoil NLR 7301) is due to the interaction of the (almost) separated boundary
layer at the trailing edge with the outer flow field, as can be observed from the trailing edge pres-
sures. The upstream movement of transition thickens the boundary layer over the aft part of the airfoil,
thereby hastening separation in addition to the already noted local effect of s laminar versus a turbu-
lent shock-wave/boundary-~layer interaction.

Figure 3.2.9 also shows a typical effect on the lower surface in the rear loading region. Just be-
hind 50X chord, a laminar separation bubble can be observed in the case with natural transition. This
bubble disappears with fixed transition but the very thick turbulent boundary layer causes a substantial
reduction in rear-loading, especially with 7% and 152 fixation positions (where the turbulent boundary
layer is possibly separated).

A final example, presented in fig. 3.2-10, is related to the nose region of an airfoil. Such a situ-
ation might occur at intermediate Mach numbers and high angles of attack. In this case transition fixa-
tion near the leading edge suppresses the formation of a laminar separation bubble at the lower Mach num-
bers. The appearance of a shock at higher Mach numbers complicates the situation further with possible
effects on maximum lift development as argued in the report. This type of flow, however, is still not
well understood (see also [Ref. 76/11).

In all these cases large differences in preassure distribution between laminar and turbulent boundary
layer development could be observed. Its significance in the context of Reynolds number effects 1s that
the transition from a laminar to a turbulent boundary layer depends critically on the Reynolds number.
Moreover, the flow quality in the wind tunnel is of conafderable importance as well as discussed in chap-
ter 2. Therefore similar effects as the ones shown here might be observed between wind tunnel and flight
without any artificial bourdary layer transition fixation. This can have serious consequencies for an
evaluation of the overall wing characteristics.

3.2.3 Effects on 1ift and pitching moment

The variation of the pressure distribution with the extent of the laminar flow region as discussed
in the previous section will of course also be reflected in the overall airfoil characterietics, Figure
3.2-11 (unpublished results of NLR) shows a selection of 1ift curves of a supercritical airfoil at one
Reynolds number. In addition to the free transition case, the transition point has been changed artifi-
cially. It appears that with free transition the approximate linear relation between 1lift and incidence
is lost, most notably for the highest Mach number. At Mach = .75 and ¢, = .25 the natural transition lo-~
cation at the upper surface is close to the leading edge. It moves rap{dly downstream, both with decrea-
sing and increasing angle of incidence. In the latter case the transition point movement 1a coupled with
the downstream movement of the shock, particularly at the higher Mach numbers and similar to that in fi~
gure 3.2-2 and 3.2-). The transition variations are the cause of significant varistions in the local 1ift
curve slope, as compared with the turbulent case. Very similar effects have also heen observed on other
supercritical airfoils like the one presented in figure 3.2-13.

The effect on the pitching moment, figure 3.2-12, {s even more dramatic, especially at the higher
Mach numbers. At constant lift the ritching moment variation results from a redistribution of 1ift over
the airfoil chord. Por that reason variations in shock position give rise to significant pitching moment
variations at the higher Mach numbers. But also small variations in the rear loading region at the lower
surface (due to changes in the local boundary layer thickness) result in a significant but now almost
constant shift over the complete Mach number range. Again, the non-linearities around a 1lift of .25 at
Mach = .75 are eliminated completely with fixed transition.
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The variation of maximum lift resulting from different transition point locations is also of some
interest as the figures 3.2-11 and 3.2-13 indicate. With free transition, the more favourable boundary
layer condition ahead of the shock and the improved boundary layer development downstream retards the
separation as compared with the fixed trameition case and leade to higher maximum 1lift values. It is also
worth noting that the c.-max development is qualitatively different for the higher Mach numbers: with
natural transition the }ift loss 1s much more gradual which 18 most likely caused by local effects of the
laminar shock-wave/boundary-layer interaction. It is generally observed that transition fixation reduces
the maximum 1ift value at the higher Mach numbers, or more specifically, at conditions where the pressure
distribution shows a plateau region terminated by a shock further aft on the airfoil. In the lower Mach
number range the situationm is less clear. The local interaction of the shock with a laminar separation
bubble, as discussed in section 3.2.2 (fig. 3.2-10) seems to result in a slightly higher maximum lift as
compared with a turbulent boundary layer (fig. 3.2-14, related to the same airfoil). In another case how-
ever (fig. 3.2-12) a slightly lower maximum 11ft is observed in the case of free transition. As was al-
ready noted in Ref. [71/8] the local effects near the nose, and the way in which they interact with the
boundary layer develop further d ream, are less clear as compared with a flow which has the shock
wave further downstream. Fortunately, the differences in maximum 1ift are also appreciable smaller at the
lower Mach numbers.

All these examples illustrate that the state of the boundary layer (laminar or turbulent) signifi-
cantly affects aerodynamic characteristics like drag, maxiwum lift or pitching moment. This is even more
so when the transition location varies within a set of experimental results. These variations can be due
to changes in pressure distribution (Mach or angle of attack) but they can also result from Reynolds num-
ber changes or unknown and uncontrolable wind tunnel environmental effects. Generally, such tramsition
variations will be absent at flight conditions due to the high Reynolds number and surface roughness. For
the evaluation of wind tunnel test results it is advisable to either control transition or measure its
location.
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3.3 Flows with (almoat) attached turbulent boundary layers

3.3,1 The pressure distribution - overall effects

In this and the following sections only resulte with turbulent boundary layer flow (either natural
or artificially tripped) will be considered. They constitute a class of flows with a Reynolds number ef-
fect in the most pure way. A very obvious, but unfortunately not so easy, comparison can be made between
wind tunnel and flight. Some examples are shown in the figures 3,3-1, (a) to (e) taken from the referen-
ces [66/1], [68/2] and [72/3]. In the subcritical case (a) and the supercritical cases (c) and (d) the
differences in pressure distribution are small with, for the latter cases, variations in shock position
of 5% chord at wost. The cases (b) and (e) seem to indicate a separation in the wind tunnel that was not
observed in flight and vica-versa. In case (b) this separation 1s connected with a large shift in shock
wave position: this case is the almost classical example how Reynolds number can change the presaure dis-
tribution. In case (e) the shock position remains virtually unchanged. In reference [72/3] it was repor-
ted that interference effects from the pressure tubing as used in flight were believed to have influenced
the pressure readings here, although three-dimensional separation effects (see section 3.5) were not ex-
cluded. This may be another example (see chapter 2) that Reynolds number effects and measuring problems
are not always easy to separate. Case (b) seems to suggest that separation of the boundary layer is of
importance. Separation effects will be discussed more extensively in the next section. In this section we
will be concerned mainly with attached or almost attached (only local trailing edge separation) flow con-
ditions.

The example (e) 1llustrates that wind tunrel/flight comparison is not always an easy matter. Fortu-
nately, pressurized wind tunuels provide the means for systematic studies and some typical reaults are
presented on the figure 3.3-2 to 3.3-7. They are mainly taken from unpublished work at NLR, studiee made
by Stanewsky at DFVLR [Ref. 81/1] and studies made by Blackwell [Ref. 76/41. Reynolds number effects as
reflected In the pressure distribution sre (by definition: see section 1.2.1) “"indirect Reynolds number
effects": the change in pressure distribution due to a variation in the (turbulent) boundary layer deve-
lopment. The "regular" part of the pressure distribution change is due to the thinning of the b°““§ff§
layer with incressing Reynolds number (the displacement thickness being roughly proportional to Re ).
Consequently the effective airfoil thickness decreases and the effective camber increares. Of these two
effects, the latter appears to be the most important, especially over the rear part of the airfoil, resul-
ting in a local load increase. For a comparison at constant 1ift, as shown in figure 3,3-2, the increase
in load over the aft part of the airfoil must be compensated by a decrease in load over the front of the
airfoil, that is realized by a decrease in angle of incidence. This feature is common to all pressure
distributions of figure 3.3-2. The shock wave movement appears to be less consistent. With the lessening
of viscous effects over the rear of the airfoil the shock wave moves downstream (in the limiting case of
invigcid flow the shock will be farthest downstream). The decrease in angle of incidence (to keep the
1ift the same) moves the shock, in general, more upstream. The final outcome of these cpposite effects
will depend on their relative strength: a downstream movement in the figures 3.3-2 (b) and (d}, an up-
stream movement in case (c). The change from an upstream to a downstream shock movement is very regular
as figure 3.3-3 (b) indfcates. In this case the variations in shock position at constant 1ift appear to
be rather small. Near the design condition, however, larger differences can be observed as discussed in
gection 1.2.3 (figure 1-7). It is due to the fact that the flow is often sensitive to any small change
near the design condition. Figure 3.3-2 (a) provides an other example: a similar change from a double to
a single shock can be obtained at constant Reynclds number with a smsll increase in angle of incidence.
These moderate changes in pressure distribution (except for the design condition) are also reflected in
the small decrease in shock strength at constant lift (fig. 3.3~3 (a)). Is the airfoll of figure 3.3-2
possibly a not so extreme case from the point of view of aerodynamic loading? The pressure distribution
reveals a moderate amount of rear loading and the airfoil does not show appreciable variations in traf-
1ing edge pressure with Reynolds number. Such variations do appear to be much larger for another super-
critical airfoil, CAST-10, as reported in [Ref. 81/1] and corresponding with the pressure distribution as
already presented in figure 3.2-8. However, when the variation of shock wave strength and position is
plotted for the two airfoils as a function of 1ift and/or Mach number, rather similar variations are ob-
served (see fig. 3.3-3 and 3.3-4). Also the results of other airfoils (this time at constant incidence)
as given in the figures 3.3-5 to 3.3-7 and reported by Blackwell [Ref. 76/4] reflect rather small changes
in pressure distribution. Note also that the Reynolds number effect on the NACA airfoil at high lifc is
similar to those observed on the two supercritical airfoils.

These moderate variations {n pressure distribution should not come as a surprise, All the examples
are related to attached, or almost attached (limited trailing edge separation at most) flow conditioms.
When separations are present the variations in pressure distribution are considerably larger as was al-
ready 1llustrated with figure 3.3~1b. Moreover, variations with Reynolds number at constant angle of
incidence may be a litrle bit larger.

3.3.2 The pressure distribution ~ local effects
In combination with the rather regular and global Reynolds number effect on the pressure distribu-
tion due to effective thickness snd camber variations a number of local effects should be noted.

* Local separation underneath the shock

The interaction between the shock wave and the (turbulent) boundary layer will depend on Reynolds
number. A very good review is given by Delery and Marvin [Ref. 85/12] and they indicate that incipient
separation occurs at a shock Mach number close to 1.3 almost independent of Reynolde number. However,
beyond incipient separation a local separation at the foot of the shock is sometimes clearly visible in
the pressure distribution (see e.g. figure 3.4-4). Extensive correlations made by Fulker and Ashill [Ref.
85/4) indicate that the length of the separation bubble roughly scales wi<h the thickneas of the incoming
boundary layer and will therefore be Reynolds number dependent. The development of this separation bubble
is of prime importance for defining the location of the separation boundaries in the Cl-Hach plane (see
3.4).

# Second expansion behind the shock

In some cases, depending on the local curvature of the airfoil, the second expansion behind the
shock can be so strong that locally a second shock is generated. A thick turbulent boundary layer in this
region will reduce the local surface curvature, but at higher Reynolds numbers this second shock may very
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well increase in strength, possibly with significant consequencies for the drag development; see fig.
3.3-9 taken from Ref. 76/2% as a typical example. (It was noted later that some of the high Reynolds
number data are invelid because of inadequate side-wall suction). The effect might be important when lar-
ge variations in surface curvature occur just downstream of the shock position as measured in the wind
tunnel.

* Lower surface separation

A third local effect in the pressure distribution, already mentioned in section 3.3.2 (fig. 3.2-9),
can be noted on the lower surface of the airfoil in the rear loading region as typically found on modern
supercritical airfoils. The steep local pressure gradient might provoke boundary layer separation at lo-
wer Reynolds numbers. In the concave airfoil contour this separated boundary layer will most likely re-
attach a bit further downstream. For this reason this kind of separation is sometimes hardly visible in
the pressure distribution and difficult to detect. In more extreme cases it will cause an appreciable
loss of 1ift in the lower surface rear loading region, In that case the effect on drag can be consider-
able, in a direct way through lower surface separation drag and in an indirect way through increased
shock strength at the upper surface to keep the total 1ift constant. The effect can be assessed experi-
mentally by comparing drag of a forward and rear fixation position after a correction for the length of
the laminar boundary layer.

* Local trailing edge separation

The last and most important local effect on the pressure distribution is a limited or local separa-
tion near the trailing edge. When the "load" on the boundary layer increases (higher lift or Mach number,
lower Reynolds number) a small separation will start to develop at the trailing edge and will gradually
move upstream. The term "local" is used here to distinguish this separation from one that extends from
shock to trailing edge as will be discussed later, The extent of this separation is difficult to esta-
blish both experimentally and theoretically. In fact one might argue that there is hardly any difference
between a locally separated boundary layer and a thick turbulent boundary layer in this region. This is
partly due to a stabilizing effect of the interaction with the outer flow: the thick turbulent boundary
layer over the rear of the airfoil decreases the trailing edge pressure and reliefs the severity of the
pressure gradienc. This separation will modify the Kutta condition and hence the circulation around the
airfoil. It is to be expected that the local separation will therefore contribute to some loss of lift at
constant angle of incidence with decreasing Reynolds number. As long as the separation is restricted to a
small part of the chord (say 10X of chord), the effects will be gradual. However, at a certain stage in
the separation development a sudden and complete flow break-down can occur as indicated by a rapid in-
crease in trailing edge pressure. This situation is complicated further by the interaction between the
trailing edge separation and the bubble underneath the shock. This process will be discussed in more de-
tail in section 3.4. Here only conditions with a small and localized separation (either undernmeath the
shock or at the trailing edge) will be considered., It is believed, and to some extend justified by the
evidence presented till now and still to come, that such local separations will have, in general, a minor
and gradual effect on the pressure distrfbution. Some indication of local tralling edge separation can be
obtained by plotting trailing edge pressure versus lift or Mach number as illustrated in the figures
3.3-10, 11 and 12. The low trailing edge pressures seem to indicate that the NACA airfoil at 3° angle of
attack (fig. 3.3-10) has developed a trailing edge separation at low Reynolde number that disappears at
higher Reynolds number. This is also the case for the CA3T-10 airfoil (fig. 3.3-12) at the lowest Reynolds
number (and prior to flow break-down as indicated by the rapid decrease on trailing edge pressure). It is
believed that these local separations are of particular significance for the evaluation of drag and pit-
ching moment as will be presented in the next sections,

3.3.3 Lift and pitching moment

The 1ift curves related to the two supercritical airfoils as discussed in the previous section (see
fig. 3.3-2 to 3.3~4) are presented in the figures 3.3-13 and 3.3~14. The decrease in angle of incidence
for constant 1ift is more promounced when the viscous effects are stronger e.g. at higher 1ift and Mach
numbers. This appears as a shift and a rotation of the c,~alpha curves. Note also that the largest varia-
tions in a with Reynolds number are found at low Reynold® numbers. The results of airfoil CAST~10 and
model "A" are similar in this respect.

The variation of 1ift, pitching moment and trailing edge pressure with Mach number (this time at
constant incidence) for both airfoils is presented in the figures 3.3-11 and 3.3~12, Both 1lift and pitch-
irg moment show an appreciable varlation with Reynolds number, this being the most extreme for CAST 10-2.
This 1s only partly due to the indirect Reynolds number effect or shock wave position., An equally impor-~
tant contribution arises from a loss of 1lift with decreasing Reynolds number over the aft part of the
airfoil due to the local decambering effect of the thick boundary layer. As discussed before, the trail~
ing edge pressure development might be viewed as an indicator for the severity of the viscous effects.

A comparison of its development for the two airfoils is therefore of intereat. In both cases a very regu-
lar variation of trailing edge pressure with Mach number is observed. The CAST-10 airfoil, being closer
to geparation at the design condition as boundary layer calculations reveal, shows at the lowest Reynolds
number even a decrease in trsiling edge pressure with increasing Mach number (where the Prandtl-Glauert
rule would suggest an increase), a situation that is often indicative of local trailing edge separation,
It s of interest to note here that the 1ift and pitching moment variations correlate well with the traf-
ling edge pressure development before as well as after flow hreakdown as indicated by the rapid decrease
in trailing edge pressure.

The increase in 1ift at constant incidence with Reynolds number has already been discussed. With
respect to its variation with Mach ber, theory suggests a develop that follows approximately the
Prandtl-Glauert rule. The results as presented in the top of figures 3.3-11 and 3.3-12 illustrate very
well that viscous effects modify this development in a Reynolds dependent way and for the CAST-10 airfoil
(low Re) even to such an extent that an almost conatant 1ift is found, Also the pitching moment (up to
lift-divergence) is in this case almost constant., One can conclude that the viscous effects appear to be
stronger on the CAST-10 airfoil. Nevertheless, the two airfofls behave qualitatively very similar.

The study of Blackwell [Ref. 76/4) supports this view as the figures 3.3-6 and 3.3-7 and 3.3-10 in-

dicate, In all cases the 1ift and pitching moment varies very regular with Reynolds number. The lergest B
changes with Reynolds number are observed at higher 1ift or Mach number conditions and at the lowest Rey- :
nolds number range where viscous effects are more pronounced. ¥
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3.3.4 Drag and drag-divergeace
In the analysis of drag it is useful to distinguish between flat-plate skin friction drag, subsonic
minimum airfoil drag, b ic 1ift depend drag, compressibility drag and drag~divergence.

* Flat plate skin friction drag

There are many expressions for the Reynolds number dependence of flat g},ge skin friction drag as
indicated in fig. 3.3-15, Skin frictior is approximately proportional to Re with n = 2 for a laminar
and n 5 for a turbulent boundary layer. As a result of this large difference in Reynolds number depen~
dence, the transition location must be accurately known for drag evaluation as already discussed in sec~
tion 3.2, All results presented in this section are obtained with artificial fixation near the nose or
for conditions at which the Reynolds number was so high that natural transition could be expected in the
nose region. When necessary corrections for a (small) region of laminar flow have been made.

* Subsonic minimum airfoil drag

It 18 common practice in drag evaluation studies to split-up the subsonic drag in a zero 1lift and a
1lift~dependent (viscous and induced drag) contribution. However, modern airfoils are designed for a par~
ticular 1lift and for that reason far from symmetric. Consequently, zero-lift drag is not necessarily mini-
mum drag. The airfoil might even show separation at zerc lift! Also the induced drag of a wing of finite
span is not necessarily zero at zero lift. For that reason the term subsonic minimum airfoil drag is used
in a rather pragmatic way.

Minimum airfoil drag 18 often estimated with so-called form factor methods. They express essentially
the airfoil drag as the flat plate skin friction drag multiplied by the form factor that depends on the
airfoil thickness. The form factor accounts, in fact, for some kind of average of the flow velocity over
the airfoil. Typical examples of the variation of experimentally observed drag values are presented in
figure 3.3~16. Although drag 1s not accurately predicted, the variation with Reynolds number follows close-
ly a skin friction law.

* Subsonic 1lift dependent drag

A summary of some lift dependent drag values is presented in figure 3.3-17. In this figure the wini-
mum drag as estimated with a from factor method has been subtracted from the experimental values. More-
over, the results have been divided into a low and a (moderately) high Reynolds number range. This parti-
cular representation has been chosen to show the much larger variation in lift dependent drag for the low
Reynolds number cases. It should also be noted that the most "extreme" airfoils (CAST-10 and model "B",
as established from boundary layer calculations) show the largest deviations. For that reason it is sug-
gested that local trailing edge separation (or at least a very thick boundary layer) increases the drag
significantly. ""'is is of some practical importance when low Reynolds number wind tunnel data have to be
extrapolated to flight values on the basis of a well established skin friction trend; the drag might then
be over-estimated by as much as 10%. Also, a particular airfoil, disregarded since it had a relatively
high drag at the tunnel Reynolds number might very well be acceptable or even superior to other airfoils
that apparently performed much better in the tunnel. This 1s another illustration of the point raised by
Haines [Ref. 79/2] in his plea that high Reynolds number facilities are important for aircraft design and
drag optimization. Although trailing edge separation can be detected in the wind tumnel or (approximately)
calculated from boundary layer theory, it seems hardly possible, at present, to either correct or predict
the resulting drag penalty of such a local separation.

* Compressibility drag

The compressibility drag is often defined as the drag increase at constant lift relative to a sub-
sonic condition. Compressibility drag {s partly the result of a (slight) decrease in flat plate skinr fric-
tion drag with increasing Mach number and an adverse effect on the houndary layer development due to sub~
stantial changes in the pressure distribution as a result of transonic effects. Both effects are represen-~
ted rather crudely in gome form factor methads (bv a compressible skin friction law and by Prandtl- Glau-
ert scaling of the airfoil thickness). This drag creep contribution can be calculated more accurately
from a boundary layer calculation. However, when the boundary layer is separated or close to separation
(as is very often the case) such a simple calculation will under-estimate the drag and hence also its
Reynolds number dependence due to the pressure gradient "relief" of the thick boundary layer. Only more
recently, calculation methods that model in a fundamental way the interaction between the boundary layer
(including separation) and the outer flow field (so called strong Interaction) are able to give good gquan-
titative results for not so strong shock waves [see Ref. 85/10 and 85/11], The other major contribu-
tion to compressibility drag results from the shock wave developwent and th: interaction with the bound-
ary layer. The Reynolds number effect on the shock wave development is by definition an indirect Reymolde
number effect. In the figures 3.3-2 to 3.3-7 it was already roted that the Reynolds number effect on shock
wave strength at constant 1lift is small. Nevertheless, in view of the large sensitivity of the wave drag
to the shock Mach number, quite small changes in pressure distribution may lead to a substantial increase
or decrease in compressibility drag. The existing evidence does not indicate that such large variations
in compressibility drag are generally found as the figures 3.3-5, -7, -8, -18, -19 {llustrate. Supercriti-
cal airfoils are designed for a low drag creep by restricting through design the shock wave development
with Mach number. Figure 3.3-18 suggests that the drag creep closely follows the form factor estimate for
11ft values slightly below the design 1lift, with little room for wave drag. The wave drag contribution
increases with 1ift, but even then the Reynolds number dependence appears to be almost nil for atrfoil
"A". The CAST-10 airfoil on the other hand (fig. 3.3-19) reveals a much larger dependence on Reynolds
number. Since, however, the shock wave development {s not to different for these two airfoils (see fig.
3.3-3 and 3.3-4) it 18 suggested that local trailing edge separation it also of importance for this dif-
ferent behaviour. Like the lift dependent subsonic drag, the effect is most pronounced for the lowest
Reynolds number.

The drag creep results as presented in the figures 3.3-5 up to 3,3-8 generally seem to confirm this
view. The variation with Reynolds number is small except for the 21X thick airfoil of figure 3.3-7. Note
however that for this extreme thick airfoil a subsonic (below Mach = .5) drag increase of 10 counte (re-
lative to a form factor estimate) {s observed when the Reynolds number is changed. This 1s somewhat aimi-
lar to the observations of the lift dependent drag for the CAST-10 airfoil.




Although thege results seem to indicate a rather consistent view with respect to compressibility
drag, one should be careful in generalizing these findings. The airfoil discussed in section 3.3.2 and
for which the pressure distribution is presented in figure 3.3-9 experiences an unfavourable Reynolds
number effect on drag creep due to a very pronounced secondary expansion at higher Reynolds numbers. An
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other extreme cace is presented in the figures 3.3-20 to -22. This airfoil (the same cne as shown in fi-
gure 1-8) shows a dramatic increase In drag with Reynolds number when evaluated at constant incidence (u
= 1.3%), vhereas a favourable development is found at constant lift (fig. 3,3-20). Thisg behaviour can be
understood from the development of the pressure distributions (fig. 3.3-21 and -22). Due to trailing edge
separation at the lowest Reynolds number the shock moves aft when the Reynolds number is increased., This

is panied with a pr

d increase in shock strength at constant incidence leading to an increase
in wave drag that, at the highest 1ift values, more than compensates the decrease in viscous drag. At
constant 1lift, however, the shock still moves aft, but the lower incidence (to keep the lift constant)
reduces the shock strength such that the total drag decreases (note the revised trend in suction peak

level with increasing Reynolds number). The example nicely illustrates the importance of evaluating Rey-

nolds number effects, especially as far as drag is concerned, at constant 1ift as discussed in section
1.2.3, (fig. 1-10). In all cases a very careful examination of the pressure distribution is required

before a high Reynolds number estimate can be made with some confidence.

* Drag divergence

The sharp rise in drag with increasing Mach number as experienced in the transonic regime is often
-Mach number plane limits the region of economic flight.
he gradual increase of drag prior to drag divergence and
also due to compressibility effects. The drag divergence boundary can be derived from plots similar to

called drag divergence, Its boundary in the C
Drag divergence is distinct from drag creep:

t

figure 3.3-18. Various definitions are possible here like d C_/d Mach (at constant 11ft) = 0.1 as used in

figure 3.3-23. Drag divergence is basically an inviscid flow phenomenon caused by a rapid, non-linear
increase in shock strength. Viscous effects will modify the drag divergence boundary to the extent that

they modify the pressure distribution. For that reason Reynolds number effects on drag diverpence will be
small when the indirect Reynolds number effects (changes in pressure distribution due to Reynolds number)
are small, Figure 3.3-23 shows some typical examples of the Reynolds number effect on drag divergence in
addition to the drag results as shown in the figures 3.3-5, -7 and -8. In general, the effects appear to
be very small. Only the results of the CAST-10 airfoil show a much stronger effect. Thie is not well un-
derstood, but it ig possible that local trailing edge separation is also to blame.
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3.4 Flows with turbulent boundary layer separation

3.4.1 The classical distinction between type "A" and "B" separation

Most of the earlier work on Reynolds number effects was related to (the onset of) separsted flov
which directly influenced (fighter) aircraft performance through the Reynolds b dence of ph
mena like buffet and wing-rock (see section 1.1). The problem of adequately defining aeparlted flow phe-
nomena is of even more significance to~day in view of the demand of high manoeuvrability at conditions
with partly separated flow. The situation is somewhat different for transport-type aircraft but neverthe-
leass of great significarce. The normal operating conditions of a transport aircraft are within the sepa-
ration boundaries as defined in the 1lift/Mach number plane. They should be known for that reason. It then
turns out that the buffet boundary is one of the critical parameters determining the wing area. For that
reason it is important to predict the buffet boundary from wind tunnel tests.The flow regime beyond sepa-
ration 1s aslso of interest for transport-type aircraft from the point of view of aircraft control and
structural integrity. Drag is then of minor importance.

Figure 3.4~1 shows a comparison (in pairs) of pressure distributions for various cases. In each case
the Reynolds number effect on the pressure distribution on the left side is small and the variations are
similar to the ones discussed in section 3.3. On the right side of the figure the variations are much
larger and reflect the theme of this and the following sections. In the latter cases the trailing edge
pressures suggest that the flow has separated at the low Reynolds number which causes a significant shock
movement. At the high Reynolds number the trailing edge flow is attached (possibly with the exception of
a small local separation). Since the boundary between attached and separated flow can be reasonably well
defined (e.g. by using the trailing edge pressure divergence as an indicator; see fig. 3.3-11 and -12),
the systematic analysis will be mainly concerned with the variation of the separation boundary with Rey-
nolds number. Finally some remarks on Reynnlds number effects for separated flows will be made. Note that
this approach is distinct from one in which the wing or airfoil is kept at constant incidence in order to
follow the development of the flow from separated to attached flow conditions with increasing Reynolds
number.

Just after the second world war it was realized that shock wave boundary layer interaction was one
of the prime causes for separation at transonic flight. Many valuable studies of shock wave boundary
layer interaction have been published since (see [Ref. 85/12]) but it was not untill 1968 that Pearcey,
Osborne and Haines presented a kind of classification of the shock induced boundary layer separation on
airfoils [Ref. 68/2]. Some illustrative figures, taken from their report, are reproduced in the figures
3.4-2 to 3.4-5. Since that time the type "A" and type "B" separation are often associated with Reynolds
number effects on airfoils with shock waves present.

The figures 3.4~2 and 3.4-3 help to explain the basic differences between the two types of separation. In
both types the final state is a boundary layer separation from shock to trailing edge. However, in the
type "A" separation this final state is achieved by a growth of the separation bubble underneath the
shozk, In the type "B" separation a local trailing edge separation appears before the final state is
reached. The trailing edge meparation is amplified by the adverse effects on the boundary layer develop~
ment due to the upstream shock wave boundary layer interaction. The final state is reached as soon as the
two separated areas (at the shock and the trailing edge) merge. Therefore the two types differ with res-
pect to the development up to the condition of a complete separation as can be observed from an analysis
nf the pressure distribution (see fig. 3.4-4 and 3.4-5; the latter is a so called "Pearcey-plot").

The important point for Reynolds number effecte is that, as was argued in reference [68/2], the type
"B" geparation was considered to be much more Reynolds number sensitive than the tvpe "A" separation.
This clear distinction in Reynolds number sensitivity should be understood from previous work at NPL in
England (e.g. Ref. [54/1] and [55/1]1) showing that the local shock Mach number causing separation (indi-
cated by divergence of trailing edge pressure) was a weak funtion of the free stream Mach number. In other
words, a single shock Mach number defines the beginning of shock induced separation. (It was noted that
shocks close to the leading edge behave differently). The effect of a Reynolds number varfation (with
fixed boundary layer transition!) was not studied in detail at that time. In the 1968 paper by Pearcey et
al this shock-induced separation criterion is not mentioned anymore, but it is argued that the local flow
at the foot of the shock (notably the development of a supersonic tongue, see ref. [60/2]1) is the dom{-
nant factor in the subsequent development of the separation bubble. From these observations the circa
1955 conclusions were that the shock strength was the most important factor and the incoming boundary
layer was less important.

In the type "B" flow the interaction with the tratling edge separation ias essential and since the
trailing edge separation is a pressure induced boundary layer separation, Reynolds number is bound to
have an effect as well. Fully in line with this description it was also argued that for a sufficiently
high Reynolds number the rear separation might disappear. In other words, the type "B" separation deve-
lopes into a type "A" separation at higher Reynolds numbers. This opens the possibility that a type "B"
separation as observed in the wind tunnel will not appear on the full scale aircraft. This situation is
not very comfortable for the aircraft designer.

The distinction betwen a type "A" and "B" was based ov a very detalled analysis of the available
information at that time. The question should be posed in this AGARDograph if the (still) limited infor-
mation that has become available since gives rise to a modification of this basic distinction.

3.4.2 The flow break-down boundary revised

The experimental information on flow break-down or separation boundaries is very limited and often
confidential, This is even more so for the description of physical flow models that calculate or corre-
late the separation developme-t. Nevertheless, it will be attempted to discuss the major elements of the
separation process on afrfoils.

Separation occurs when the flow breaks away from the surface leading to regions of reversed flow.
When these regions are confined to the fnner part of the turbulent boundary layer, a situation that was
discussed in some detafl in section 3.3.2 in relation to trailing edge separation, the effects on the
outer flow field will be gradual and of limited extent. However, when the reversed flow is no longer con-
fined to the thin shear layer, the outer flow field will be modified drastically, leading to almost die-
continuous changes in the pressure distribution, most often resulting in a sudden loss of lift and change
in pitching moment, This situation will be called flow break-down. The flow break-down boundaries mark in
the CL-Hach number plane the regions of normal operating conditions of an airplane, They are closely con-
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nected with, but not necessarily identical to the buffet and maximum lift boundaries. Various definitions
are In use like a kink in the C -a curve, a break in pitching moment or tangential force development, or
a rapid divergence of trailing édge pressure.

In the transonic regime the flow break-down boundary of particular interest involves shock induced sepa-
ration from shock to trailing edge. In this kind of flow the distinction has been made in the past be-
tween type "A" and "B" separation 2s discussed before. Separation at the foot of the shock and/or trai-
ling edge separation are the main elements in this process of flow break-down.

The length of the separation bubble L underneath the shock can be written as:

Lsep,shocklc = f {Hshock' Mo, Re . B ., (Q/C)sh, press. distr....} (1a)

whereas the trailing edge separation can be described as:

Lsept,TE/c =g {Rec. Hop (e/c)TE’ press. distr....} (Ib)
Flow break-down 1s defined as the condition at which the separated boundary layer underneath the shock
fails to re~attach to the airfoil surface (type “A"):

21 -
Lsep,shocklc 1 xsh/c (T1a)

or when the shock bubble and trailing edge separation merge (type "B"):

(L ez 1 - x4 /e (11b)

sep,shock + Lsep. TE
The expressions I and II constitute a general flow break-down criterion although much more simplified ex-
pression are actually used. Fundamental studies (e.g. see [Ref. 85/12]) indicate that the upstream shock
Mach number for the start of separation (inciplent separation) is a very weak function of the upstream
boundary layer shape factor H and for that reason almost Reynolds number independent. In the 1950's a
single correlation, based on shock strength (and hence Revnolds number independent) was used to define
flow break-down (fig. 3.4-6 taken from Ref. [55/1])., Also more recently simple correlations can be found
in the literature to define flow break-down that make use of a critical shock Mach number without address-
ing the Reynolds number dependence explicitly (fig. 3.4-7 taken from Ref. [82/3] and also [Ref. 81/31).
In the mean time other fundamental studies (e.g. Ref. [67/11, [78/3] and [81/1]) do indicate a Reynolds
number dependence as also discussed in the report of the Research Committee of AGARD WG-09 [Ref. 00/1].
Unpublished (and 1ndependent) studies from NLR and ARA suggest a correlation for the separation boundary
with M /c as the dominanf/gurameters. This correlation does reflect a Reynolds number depen-
dence s?nce (9/c) shottes roughly as Re . More recently Fulker and Ashill [85/4] have publighed very
detailed studies on the separation length in connection with flow break-down. In their correlation the
separation length L h /9 is expressed as a function of Rey (though weakly) and the shock
Mach number (fig. 3?§E8§.°ﬁ§ens¥ﬁe separation length exceeds a criticAl vaiue, dependent on the pressure
distribution, the boundary layer will not re-attach and the separation boundary is reached. This most
recent correlation for flow break-down by Fulker and Ashill can be represented schematically:

L /e

Je & (x/e) (11e)

sep,shack ¥shock critical

where (x/c) depends on the pressure distribution and hence the airfoil type.

critical

Many criteria can be found in the literature to described the more classical type of pressure induced
trailing edge separation [Ref. 00/1]1. Just one of these expressions is reproduced here (from Ref. [72/5])
to illustrate a fundamental Reynolds number dependency through the influence on ©:

(elc)TE . d cp/d x/c & , 007 (111)

The situation is, unfortunately, more complex than this simple correlation seems to indicate. The separa-
tion onset and the separation length can, from a fundamental point of view, only be calculated from a
simultaneous solution of the boundary laver and the outer flow equations since the development of the
{thick) boundary layer close to separation provides a relief in the external flow pressure gradient that
counteracts the separation development. Moreover, the boundary layer conditions at the trailing edge will
depend on the upstream history with shock wave boundary layer interaction as a complicating factor.

How do the various types of separation interact with each other? It is to be expected that prior to
incipient separation at the foot of the shock (for shock Mach numbers less than roughly 1.3) trailing
edge separation is the dominant phenomenon. Such situations might occur at low 1ift values for Mach
numbers close to and beyond the design Mach number. The Reynolds number dependence enters into a direct
way, in a way similar to expression III.

When the shock Mach number is higher than 1.3 a local bubble at the foot of the shock will be for-
med. The extent of this separation will be Reynolds number dependent in a direct way as suggested with
expression I.a. The most recent work of Fulker and Ashill has shown that the over-ruling factor for the
condition of flow break-down appears to be the growth of the separation bubble underneath the shock, ir-
regpective of a possible trailing-edge separation (expression IT-c). This, however, does not mean that
trailing edge separation is not important at all. Trailing edge separat‘on will modify the pressure dis-
tribution in a Reynolds number dependent way. This indirect Reynolds number effect, as discussed extensi-
vely in section 3.3, will alter the shock strength and hence the conditiona for the separation at the
foot of the shock. This in turn will influence the conditions of the boundary layer at the trailing edge.
This interaction can be very significant in view of the sensitivity of the length of the separation bubble
underneath the shock for the shock Mach number (fig. 3.4-8). The final result of this interaction process
from the point of view of Reynolds number sensitivity will depend very much on the pressure distribution
and hence the type of airfoll. Fulker and Ashill noted already the importance of the type of pressure
distribution for their evaluation. Most airfoils from before the 1960's show a rapid increase in shock
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strength with increasing Mach number or angle of attack. Viscous effects were small, unless the Reynolds
number was very low. For modern supercritical airfoils the variation in shock wave strength has been re-
stricted through design. Rear loading has increased the pressure gradients over the rear of the airfoil.
Viscous effects and hence the indirect Reynolds number effects, will be much more important for these
airfoila, It is therefore to be expected that the flow break-down boundary will also be more sensitive to
Reynolda number, as compared with the airfoils of the 1950's,

Since the trailing edge separation appears to be only of importance for the (gradual) indirect Rey-
nolds number effects, the original distinction between type "A" and "B" flow might be less relevant for
the flow break-down boundary. This is illustrated very schematically in figure 3.4-9. The distinction
will still be very relevant prior to flow break-down for the evaluation of drag and pitching moment as
discussed in section 3.3. For the flow break-down boundary the Reynolds number sensitivity might very
well depend primarily on the airfoil type rather then the particular Reynolds number range.

This view appears to be supported by the experimental information as far as available to the author.
The figures 3,4-10 till 3,4-14 show some examples of the variation of the flow break-down boundary with
Reynolds number. All results are related to modern supercritical airfoils (some of them discussed above).
In figure 3.4-10 Reynolds number trends for various models of the same airfoil measured in various wind
tunnels are compared [Ref. 82/4, 83/10]. Note that although the absolute values are very much different,
the variations with Reynolds number are very similar. In figure 3.4-11 the Reynolds number trend for one
airfoil is presented for a range of Mach numbers. The figure depicts the importance of transition fixa-
tion in the analysis of the separation boundary as discussed in section 3.2. Also, some increase in Rey-
nolds number dependence can be noted for higher Mach numbers. Figure 3.4-12 compares various airfoils for
a typical transonic design Mach number. Apart from some variation in Reynolds number dependence, all mo-
dels, including the three dimensional model "C" (a high aspect ratio transport—type wing) indicate a re-
gular variation of C -max with Reynolds number.

None of the results show a tendency to level off at higher Reynolds numbers (with a pogsible excep-
tion of the Mach = .6 data in fig. 3.4-11; for that condition the shock is close to the leading edge).
This 18 also supported for some of these airfoils by figure 3.4-13 in which the shock Mach number at flow
break-down and for a constant shock position has been plotted versus Reynolds number. Again, a very regu-
lar trend is found. In a last example (figure 3.4~14 taken from Ref. [85/2]) the pressure distributions
of a three-dimensional high aspect ratio wing (the one discussed in Ref. [76/1]) were analyzed in order
to classify the separation as a function of Mach and Revnolds number. Also in that case no change from
type “B" to type "A" separation was actually observed although such a change was tentatively indicated in
the figure.

From the design point of view it might be reassuring to know that no discontinuous changes in the
development of the flow break-down boundary with Reynolds number are to be expected. However, clearly
more research is required to substantiate this view. Also there will be limits imposed by the "inviscid
1imit" of the outer flow field and surface roughness effects that render the boundary layer development
Reynolds number independent.

3.4.3 Post stall behaviour

Only very limited information is available with respect to Reynolds number effects beyond separa-~
tion. The problem is nevertheless of considerable importance for stability and control and for the deter-
mination of aerodynamic loads. Ome extreme appears to be very well defined: a flow that is separated along
a salient edge is independent of Reynolds number. But for pressure gradient or shock induced separations
on the smooth surface of an airfoil comtour, the Reynolds number will have a strong influence on the sepa-
ration position and hence the dimensions of the separated flow field. For a good understanding of the
problem it is essential to allow for the interaction between the viscous flow and the non-viscid outer
flow. Moreover, the complete flow field is often highly unsteady and essentially three-dimensional, even
for two-dimensional airfoils. A sound theoretical treatment seems therefore bevond the present capabili-
ties.

Nevertheless, for conditions not too far away frowm the flow break-down boundary, there appears to be
a more or less nystematic development of the separation. Cahill [Ref. 79/1] has presented a method to
extrapolate pressure distributions with flow separation as measured in the wind tunnel to flight Reymolds
numbers. The procedure is based on the observation that the relations between trailing edge pressure on
the one hand and a viscous flow parameter ("BX") and shock position on the other hand, preserve their
shape, independent of Reynolds number. Moreover, the trends with Reynolds number appear to be rather gene-
ral. The principle of the method is shown schematically in figure 3.4-15 and a typical example of a so
corrected pressure distribution is presented in figure 3.4-16. In a later publication [Ref. 83/1] the
purely empirical viscous shock parameter "B has been replaced by a physically more meaningful parameter
defined by:

2

=L wien ¢ = vcpr2

(y+l).e.M sh

that follows from asymptotic theory for shock wave boundary layer interaction. With this parameter the
correlation improved slightly. The method is reported to be primarily used for the prediction of aerody-
namic loads.

For the same class of flows as described by Cahill's correlation it might very well be possible
(under certain restrictions of tunnel Reynolds number, shock position and the three-dimensionality of the
flow) to simulate in the wind tunnel the high Reynolds number flow with the help of the so called aft-
fixation technique, This technique will be discussed very shortly in section 3.6,

K
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3.5 Three-dimensional effects

3.5.1 The correspond b two- and three-dimensional flow

The discussion sofar was restricted to two-dimensional flows. But how relevant is the two-dimensio-
nal flow for the general case of a high aspect ratio wing? The design of such a wing is generslly based
on one or more so called basic airfoil sectionms. For the larger part of the wing the pressure distribu-
tion can be derived from these two-dimensional basic sections by aseuming that:

- 2
CL.B-D cL.2-D . cos® A
H-.J-D - H_.Z_chos A

where A 1s the sweep angle. Approximate corrections can be introduced to allow for wing-taper and the
fuselage influence (see e.g. ref. {62/2]). The wing tip and the wing root are {ally three~d{ -
ional. The tip 18 only a small part of the wing and most likely of minor influence (unless winglets are
used). The wing root flow is of considerably more importance. There, very often, a double shock pattern
can be observed with an intersection point cloee to the kirk-section of the wing (fig. 3.5-1). This in-
fluence restricts the two dimensional flow to a region between the kink-section and the tip. But even
then one has to be careful: it is the local direction of the isobars (more precisely the shock Mach num~
ber perpendicular to the shockfront) that 1s of fmportance from a two-dimensional point of view. This
direction can be different from the wing generators depending on the particular wing design.

The correspondence between two- and three-dimensional flow is even less clear for the boundary layer
development. In the ideal case of an infinite swept wing some basic differences with respect to the cor-
responding unswept airfoil should be noted. Only for laminar boundary layers the so called “independence
principle” holds, stating that the velocity components in a direction perpendicular to the leading edge
are identical for two~ and (quasi) three-dimensional flows [Ref. 68/4]. Laminar boundary layer separation
will therefore occur at the same relative chord position for the swept and the unswept wing. This no
longer holds, in principle, for turbulent flows, due to a cross-coupling effect of the turbulent motion.
It is to be expected, however, that for flows with a strong pressure gradient (when turbulent shear
stresses are less important) the independence principle 1is still of some value. For a discussion of the
independence principle in relation with shock wave boundary layer interaction see Ref. {85/5]. When the
igsobars on the wing ave not parallel (due to taper or other three dimensional effects) the flow will en-
dure an additional effect of streamline con- or divergence, relative to the infinite swept wing case.
This causes an additional in- or decrease in boundary layer thickness (see Ref. [85/3] for a theoretical
treatment), The most important differences hetween 2-D and 3-D flows, however, are related to transition
and boundary layer separation.

In two-dimensional flows the Tollmien~Schlichting instability 1s the primary cause for transition.
In three-dimensional flows two more transition agents can be found: leading edge contamination and cross
flow instability as discussed in more detail by Michel in ref. 00/1. Thus there are two more mechanisme
to produce discrepancies in transition location between wind tunnel and flight. Figure 3.5~2 summarizes
the various transition causing factors for a typical swept wing.

The process of boundary layer separation is much more complex in three~dimensional flows as pointed
out by Hall in Ref, [71/5]. Theoretically, two dimensional flows will exhibit two-dimensional separations
that appear as closed bubbles (on or behind the airfoil) of re-circulating air. Such closed bubbles can
s8till be observed in the three-dimensional case of an infinite swept wing (near the nose or at the shock
foot), however with an additional epanwise component (see fig. 3.5-3a). In the more general case of a
three-dimensional wing with finite aspect ratlo the cloeed bubble can also appear as a cell-like struc-
ture (fig. 3.5-5), as is also often found in two-dimensional testing. Much more important and without
parallel in the two-dimensional case is the open separation with the formation of one or more vortices
(fig. 3.5-3b). Very often, these vortices start from a closed bubble and develop in the spanwise direc-
tion. Depending on the magnitude and growth of this spanwise flow, the inboard wing might have a large
influence on the flow over the outboard wing as remarked also by Yoshihara (see fig. 3.5-7 taken from
Ref. [75/4]). In the figures 3.5-4 to 3.5-6 some examples of various separation types as actually observ-~
ed on high aspect ratio wings, are presented. From this it is quite clear that the open separation af-
fecta the outer flow field in an essentially three dimensional way. For this kind of flow all correspon-
dence with two-dimensional flows is lost.

3.5.2 Some examples of three dimensional effects

One should not conclude from the foregoing discussion that the two-dimensional ajrfoil is without
relevance for high aspect ratio wings. The larger part of the Reynolds number effects can be carried over
to high aspect ratio wings, provided that:

. Only the quasi two-dimersional part of the wing is considered
(say from kink-section to near the tip);

. The boundary layer is turbulent (either natural or by tripping);

. The flow has not separated.

The consequencies of the first restrictfon will depend on the particular wing design. When the as-
pect ratio is high enough (say 8 or more) the larger part of the wing is well outside the kink section.
Also, the flow on the wing root {s often less sensitive for Reynolds number changee due to a higher local
chord Reynolds number and s favourable effect of the double shock on the boundary layer development.

Spanwise variations in boundary layer transition location are of considerable influence. Fig. 3.5-8a
is an old example [Ref. 52/2] of very large spanwise variations in load diatribution with Reynolds number.
It is helieved that in this case tranaition point variations, in combination with shock boundary layer
interactions are to blame. In this particular case, a complete reversal in pitching moment variation with
angle of attack wss the dramatic result (fig. 3.5-8(b)). A more recent example (fig. 3.5-9 taken from Ref.
[76/1]) 1s included to show that when the transition point variation is suppressed by artificial boundary
layer fixation, a qualitatively much more systematic flow development in accordance with the higher Rey-
nolds number situation, can be obtained. Figure 3.5-10 and 3.5~11 {llustrate a similar observation, also
for the flow break-down boundary. Again, the resulta with fixed transition appear to be much more syste-
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matic as compared with free transition, as discussed in section 3.2. It is even wore important that the
fixed transition results are similar to the two-dimensional data in figure 3.4-12, -13 (the model "C" in
these figures is the same one as used for the results shown in figure 3.5-10 and -11). Also the correla-
tion between shock Mach number and Reynolds number at the flow break-down boundary is well in line with
the available two-dimensional data. Pulker and Ashill [Ref. 85/4] did not find a systematic difference in
their separation correlation between two— and three-dimensional resulte. The examples indicate that even
at the onset of flow separation the correspondence between two- and three-dimensional flows can be main~
tained. However, in view of the essential three-dimensional nature of the separation itself, it is very
unlikely that this correependance will still be found beyond the flow break-down boundary. The uncertain-
ty with respect to Reynolds number effects for two-dimensional separated flows is more severe for three-
dimensional configurations.

A word of caution should finally be expressed with respect to drag evaluation for a three-dimension-
al configuration, The concern stems from the sensitivity of compressibility drag to small variations in
shock wave strength and, for the three-dimensional case, the sweep angle of the shock. The shock wave
pattern on a 3-0 wing 1s basically determined by the 3-D inviscid flow development modified by local vis-
cous effects. In reference [76/2] the risk of over- or under-fixation of the boundary layer for a high
aspect ratio wing is discussed. It is argued that as a result of non-optimal fixation, the sweep-angle of
the shock might be influenced (see figure 3.5-12) with serious effects on the overall flow field. The
important point to note here 1s that similar effects may be introduced by a Reynolds number variation
with fixed transition near the leading edge. The argument goes as follows. When the (corresponding 2-D)
Reynolds number sensitivity of the inner and outer wing is significantly different (e.g. because ome part
of the wing is closer to separation) the sweep angle of the shock may change in this case due to a Rey-
nolds number increase. When the sweep angle of the shock is increased (because the shock at the wing tip
moves faster downstream than the shock near the kink section) the effect on the overall flow development
will be favourable (because the Mach number component perpendicular to the shock decreases) and the Rey-
nolds number sensitivity of the wing will increase, compared with the mean of the 2-D stations. When the
kink-section is more critical, the reverse is true and the Reynolds number sensitivity will be reduced.
Figure 3.5-13 (reported in Ref. [84/3]) further illustrates the importance of three-dimensional effects
on the wave drag in relation to the total wing drag. In this figure an estimate of the wave drag contri-
bution 1is depicted (note that the two shaded regions follow from different approximation to derive wave
drag from the wake rake traverses). At the lowest Reynolds number and highest lift the mid-wing region is
just beyond the local drag divergence boundary and experiences for that reason some increase in wave drag.
For the other presented conditions (higher Reynolds number and lower lift) the wave drag contribution is
much smaller with a modest variation over the span.
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Pig. 3.5-8 Typical local three-dimensional sepa-
ration at the wing-root section
(from ref. 80/8)

Fig. 3.5-6

Typical non-local three-dimensional
separation on & wing with shocks
(trom ret. 75/4)
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3.6 Concluding remarks: from wind tunnel to flight

1s the wind tunnel still an adequate tool for the design of aircraft in view of the Reynolds number
deficiency of most existing wind tunnels? And if the answer is yes, what procedure should be followed in
wind tunnel testing tc cope with this deficiency? These questions, inevitable after the discussions of
the previous sections, will not be discussed here in great depth. AGARD assigned to Working Group 09
"Wind Tunnel Boundary Layer Simulation and Control" the task to propose a methodology to estimate flight
performance from wind tunnel tests. For more information the reader is referred to the finsl report of
this working group [Ref. 00/1], In this section only a few remarks will be made to conclude the discus-—
sion on Reynolds number effects for two-dimensjonal airfoils and high aspect ratio wings.

The available information suggests that two phenomena are of prime importance for the understanding
of differences between wind tunnel and flight:

transition location variations also in connection with laminar versus turbulent shock wave boundary
layer interaction

and

flow separation either locally (near the leading or trailing edge, at the shock) or of large scale
(between shock and trailing edge).

The first phenomenon appears to be the easiest one to deal with for transport-type configurstions at tran-
sonic speeds 1if one assumes that transition in flight is near the leading edge. There is no doubt that
large transition location variations and lamipar shock wave boundary layer interactions should be avoided
in wind tunnel testing. Numerous examples (see section 3.2) show clearly misleading variations in aerody-
namic characteristics if the transition point can move around freely. This requirement means that the
boundary layer wust be tripped artificially. This is a technique in itself that will not be discussed

here (see e.g. Ref. [84/2],

When transition has been fixea artificially, the next most important prnhlem is related to flow sepa-
ration, efither limited in extent or from shock to trailing edge as discussed in the sections 3.3 and 3.4.
Only in the latter case are large variations in pressure distribution observed with Revnolds number. For
conditions with attached or almost attached flow the effect on the pressure distribution (the so called
"indirect Reynolds number effect"; see section 1.2.2) appears to be small, though certainly not insigni-~
ficant. For example a limited region of trailing edge separation tends to increase this indirect Reynolds
number effect. Some azerodynamic characteristics, notably drag and pitching moment, are very sensitive to
these small variations. Very large changes in pressure distribution are observed when the flow changes
from an attached to a separated flow condition when Reynolds number is decreased. The separation boundary
(flow break-down, characterized by separation from shock to trailing edge) defines the boundary between
the attached flow and conditions with large scale separations. If the indirect Reynolds number effects
are small for attached flow conditions and if the Reynolds number enters 2 separation criteria in an unam-
bigious way (as appears to be the case at least beyond a certain Reynolde number; see fig. 3.4-8), it
then follows that the separation boundary itself varies in a svstematic way with Reyrolds number. This,
in principle, provides a basis for an extrapolation procedure of the separation boundary in the 1ift-Mach
number plane. A careful analysis of the results (in terms of pressure distributfons, separation develop~
ment and wake drag analysis) is still needed to prove the validity of such a procedure for a particular
configuration. The preceeding chapters, in fact, are intended to provide information ("rules" and "excep-
tions to the rules" as a warning) that might be helpful with such an extrapolation procedure. A good under—
standing of the basic flow mechanism involved is equally important in this respect.

Since boundary layer development 1s the very origin of Reynolds number effects it might be possible
to manipulate the boundary layer on the model such that the pressure distribution for flight conditions
is simulated, or at least approximated in the wind tunnel. This can be done in various ways: by the so
called aft-fixation technique, by energizing the boundary layer with suction, blowing or vortex genera-
tors or by modifying the airfoil contour (relief of pressure gradient through the use of a thick trailing
edge).

Of these methods, the aft-fixation technique is the best known and most widely used. Most transonic
airfoils show, at tunnel Reynolds numbers, an appreciable region of laminar flow in front of the shock.
The boundary layer can then be tripped such that the boundary layer is turbulent at the shock and res-
sembles the flight condition over the rear part of the airfoil. This 1s illustrated in fig. 3.6-1 taken
from a study by Blackwell [Ref. 68/1]. This 18 one of the earliest publications on this technique, al-
though the method was also suggested by D.L, Loving in his classical paper on shock induced separated flow
[Ref. 66/1]. The sequence of figures clearly shows that the aft-fixation technique helps to suppress the
separation over the rear of the airfoil. In this case transition location was selected such that the high
Reyrolds number trailing edge conditions were duplicated with aft-fixation at the lower tumnel Reynolde
number. No large changes are noticeable for attached flow conditions, very much in line with the obser-
vations made before. A more recent illustration for a three-dimensional configuration is presented in the
figures 3.6-2 and 3.6-3 taken from Ref. [85/4] by Fulker and Ashill. A more refined simulation criterfon
was applied in this case based on the duplication of the relative (to the chord) separation length of the
bubble underneath the shock as discussed in sectfion 3.4.2, Also in this case the aft-fixation technique
was used primarily to suppress premature flow break-down in the wind tunnel. The technique can also be
used to simulate a separated flow condition as figure 3.6-4b taken from Ref, [83/3] {llustrates. In this
case details of the flow in the vicinity of the shock were not well represented. Finally, aft~fixation
can be used to assess the effects of local separation at the trailing edge or in the lower surface rear
loaeding region by comparing aft- and forward fixation results. In this way relevant information camn be
obtained for an extrapolation procedure.

This powerful technique is often used to study Reynolds number effects in the wind tunnel. But there
are some limitations as well. Firet of all, the range of simulated conditions is restricted by the length
of the laminsar flow region ahead of the shock wave. In figure 3.6-5 the useable region in the 1ift-Mach
number plane has been indicated for a three-dimensional wing with a strip at 30X (aid wing) chord posi-
tion. In this particular case the useable region appears to be very small and limited by the forward move~
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ment of the shock, either due to decrrasing 1ift and/or Mach number or due to flow hreak-down at the
higher 1ift values at the upper surface or the development of the pressure distribution with 1ift on the
lower surface, The usuable region can be extended by application of a more forward trip but at the expen-
se of the Reynolds number simulation capability. Thua a particular strip location provides only adequate
simulation in a liwited (though very important!) region of the operating conditions as figure 3,6-6 taken
from Ref, [76/1] 1llustrates once more. At the wing tip and root, the natural transition is verv often
close to the leading edge. In that case a cranked strip must be used (see fig. 3.6-7a) and only the mid
section of the wing is adequately represented. And even this is questionable when the fixation causes a
significant varfation on the local sweep angle of the shock as disccused in section 3.5. These restric-
tions may cast some doubts on the ability of the aft~fixation technique to simulate flight corditions
that can only be removed after a careful analysis of the results.

Vortex generators are used extensively to control flow separation in flight (see Ref. [61/6] by Pear-
cey for an excellent review). The same technique can also be used in a wind tunnel to suppress flow break-
down at a lower-than-flight tunnel Reynolds number. Figure 3.6-7b taken from Ref. [74/3] shows that the
effect on pitching moment ia similar (though far from identical) to the effect of aft-fixation. This tech-
nique is more difficult to control than the aft~-fixation technique and certainly less suitable for drag
assesgment. It was reported [Ref. 85/6] that contour modifications have been used and are still being
studied as a way to simulate the shock wave development (and hence compressibility drag) in drag evalua-
tion studies. The principle is that a thickening of the airfoil contour over the aft part of the airfoil
might provide a pressure relief such that the boundary later thickness and (possibly) the overall circula-
tion is comparable with flight conditions. These and other techniques, like boundary layer suction as
suggested by Grec [Ref. 71/2] are difficult to apply and have not yet reached the state of application
for industrial teosting.

Is Computational Aerodynamics (CFD) capable of bridging the Reynolds number gap between wind tumnel
and flight? Such a method must be able to describe direct and fndirect Reynolds number effects. The direct
Reynolds number effect (the change in boundary layer development due to a change in Reynolds number for a
"frozen" pressure distribution) can be adequately represented by most boundary layer calculation methods.
In that respect they can be used to extrapolate e.g. viscous drag to higher Reynolds numbers. With local
separations present, the assumption of a “frozen" pressure distribution is no longer valid and the so
called "strong coupling” between the cuter flow and the boundary layer flow {s essentirl (e,g. by using
inverse boundary layer methods; see Ref. [80/7], [82/5] and [84/4] for reviews). For the representation
of the indirect Reynolds number effect (change in pressure distribution due to the change in boundary
layer development) the trailing edge region (Kutta condition) is extremely important. This requires for
the calculations the inclusion of normal pressure gradients in the viscous shear layers and wake curva-
ture effects (see e.g. Ref. [81/4)). Figure 3,6-8 shows, as an illustration, the indirect Reynolds number
effects as calculated by (an old version of) the VCK-method of RAE. The calculations closely reflect the
experimental results for this relatively simple case without trailing edge separation. However, when Jocal
separations are present, the situation becomes increasingly complex. This is even more so beyond flow
break-down when large scale separations are present. In that case the usual thin shear layer assumptions
are no longer valid and the solution of the full Navier Stokes Equations 1is required. Recent developments
(see e.g. Ref, [00/1]) indicate that the mathematical tools are "in hand” to solve this problem. Numerical
schemes can be constructed and computers are powerful enough to find & sclution in 2 reascnable time.

This does not mean that the task is a simple one, but the future looks bright. Dark clouds, however, are
st1ll present in the form of turbulence modelling. Due to the complexity of this problem, progress has
been slow over the last decade. Research in this field moves away from "universal turbulence modelling”
into the direction of specific models for special classes of flow (see e.g. Ref. [81/5] and [84/5]). Empi-
rical information, to determine the "varfable constants” is essential here. For that reason calculation
methods should be validated over a range of flow conditions (from attached to separated flow) rather then
by comparing a few pressure distributions with experiment. In fact, the ability of a calculation method
to describe the Reynolds number effect of an airfoil close to separation would be an ideal test case. The
actual situation is almost paradoxial in the sense that accurate and reliable (not influenced by "pseudo
Reynolds number effects” as discussed in chapter 2) experimental information on Reynolds number effects
is rather limited as this AGARDograph shows. And this in turn hampers the development of more advanced
calculation methods.

This does not mean that CFD is of no use for Reynolds number assessment, Computational methods that
can adequately describe attached or almost attached flow conditions are of great help in the interpreta-
tion of the wind tunnel test results. They can be used and are actually used to estimate differences In
transition location between wind tunnel and flight, to determine the simulation parameters for the aft
fixatfon technique, to estimate at what Reynolds number trailing edge separation will disappear, to extra~
polate drag results to higher Reynolds numbers etc. etc. In this way computational methods are essential
for the enrichment of the information provided by the wind tunnel. The very detailed information from
CFD-methods allows the test engingeer ia\nake a much more reliable estimate of flight characteristics
starting from wind tunnel test results.
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3.6-3 Two independent simulations of "full
scale” pressure distributions, outer
.78, € = .7 (ref. 85/4)
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4.0 OBSERVED REYNOLDS NUMBER EFFECTS: LOW ASPECT RATIO WINGS AND BODIES
by
T. W. Binion, Jr.
Calspan Corporation/AEDC Operations
Arnold Air Force Base, TN 37389
and
E. Stanewsky
Institut f{r Experimentelle Strdmungsmechanik
Deutsche Forschungs- und Versuchsanstalt filr Luft- und Raumfahrt e.V.
Gdttingen, P.R.G.

4.1 Low Aspect Ratio Wings

Reynolds number effects on low aspect ratio configurations are potentially
manifested in four factors: trangition location, displacement thickness, shock position,
and separation loci. While in two-dimensional flows, natural transition occurs primarily
because of Tollmien-Schlichting instabilities, transition in highly 3D flows inherent
with low aspect ratio configurations can be the result of leading edge contamination,
cross flow instability, and in some sgituations Goertler instabilities as well. The
modification of the spatial distribution of displacement thickness due to Reynolds number
is, of course, coupled with the local flow vector distribution. The effects of Reynolds
number on shock position and separation loci are closely coupled with those acting on
displacement thickness. Because of the complex nature of the flows and because low aspect
ratio configurations are used primarily for military applications, definitive information
is not frequently published. Aside from some generic delta wing studies, there have been
no systematic investigations of the basic aerodynamic characteristics of low aspect ratio
configurations reported. The richest source of Reynolds number effects data seems to be
wind tunnel to flight comparisons. Such comparisons are fraught with many difficulties
because of pseudo-Reynolds effects which creep into wind tunnel data and inherent
inaccuracies and measurement difficulties in flight testing. Thus, we feel that the data
which follow should be viewed with some caution; the conclusions depicted may, with
refined technigques and insight, be shown to be incorrect.

4.1.1 Zero-Lift Drag

Saltzman and Bellman (71/9) presented data correlations for the X-15 and the YF-
102 aircraft. Wind tunnel =zero-lift drag data were extrapolated using the Karnam-
Schoenherr flat plate skin friction relationship [63/2) which obtains the best
correlations in terms of Reg rather than Rex. Extrapolation of the data, Fig. 4.1l.1, is
excellent. Note however, that the X-15 data had to be correlated with the base drag
removed because of the influence of sting interference on the blunt base configuration.
It ig further noted that the X-15 airplane and model were both very rigid; there were no
leading edge s8lats, spoilers, or hinged rudders; no inlet flows, propulsion jets or
bypass airflows to simulate on the model; and, the problem of measuring thrust in flight
was avoided by considering only gliding flight. Thus, all of the pitfalls associated with
the flexible, airbreathing aircraft were avoided. Even at that, it was necessary to
subtract the base drag from both data sets because of sting interference in the wind
tunnel. No explanation was given for the good agreement with the YP-102. However, the
only "Reynolds number effect" for both configurations apparently was that due to skin
friction.

4.1.2 Delta Wings

The formatjon of stable vortices over swept wings at angle of attack is a useful
lift-generating ph n utilized as either the primary 1ift production mechanism or to
augment the 1lift produced by a conventional airfoil, see ([83/9] for example. From a
phenomenological viewpoint, wings which produce lift can be classified according to their
leading edges. In order to make a statement about Reyiolds number effects for delta
wings, it is necessary to specify the type of flow that exists over the wing. It has
become traditional to categorize delta wing flow in terms of the Mach number and the flow
incidence angle in a plane normal to the leading edge. Stanbrook and Squire (64/1] in
evaluating data for sharp leading edge delta wings established demarcation regions for
separated and attached flows at the leading edge in the Mn/an plane. Szodruch ([77/1)
extended their idea by defining boundaries of other types of separation, Fig. 4.1.2. Not
only do the specific effects of Reynolds number depend on the region of interest in the
Mn/an plane, but the boundaries themselves seem to be a function of Re, although truly
definitive studies are lacking. Systematic studies for rounded leading edges are also
sparse. Szodruch has summarized the present knowledge with respect to Reynolds number for
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each class of wings [88/11. It is felt unnecessary to repeat that summary here. The main
points therefrom are:

(1) With sharp leading edge wings for which the primary flow separation is fixed
at the leading edge, the main vortex position and strength is essentially constant with
Reynolds number. However, the location of the secondary separation lipes and hence the
secondary vortex strength appears to be a moderately weak function of Re.

{2) A systematic study of Reynolds number effects for rounded leading edges has
not appeared. Nevertheless, one may deduce from the existing data that the larger the
leading edge radius, the greater the Reynolds number dependency. However, Poll [83/13],
b d on the parison of his work with other results, states "Reynolds number, sweep,
and incidence are insufficient in themselves to determine the type of (vortex) flow which
will occur on a given airfoil section." He suggests the wind tunnel disturbance
environment also may be a significant factor affecting the data.

(3) There is conflicting evidence on the effect of Reynolds number on vortex
breakdown. Again, no systematic investigations have been published. However, Erickson
[80/9) has compiled a group of data from several swept wings tested in both wind and
water tunnels, Pig 4.1.3, which show no correlation between the angle of attack at which
vortex breakdown begins and Reynolds number in the range between 9800 and 40 million.

4.1.3 Aerodynamic Derivatives

Teige, et al. [75/5), have reported a comparison of flight and wind tunnel
obtained aerodynamic derivatives for the SAAB 37 fighter, Fig. 4.1.4. After applicable
corrections, the £light data were reduced through a least-square regression process
involving 75 equations. The results were cross checked using a 6-deg of freedom digital
simulator with the flight control surface pulses as inputs to reproduce the flight
motion. Wind tunnel tests were conducted with 1/30- and 1/50-scale models at Reynolds
numbers of 6- and 12-million. Scatter in the CnB wind tunnel data in the transonic regime
was attributed to nonlinear Cn-B curves. Experience in other tunnels has shown that
nonlinear Cn-8 data can be caused by flow non-uniformities in the test section flow if
the pitch-roll technique is used to obtain yaw. However, as the sample data in Fig. 4.1.5
show, while aeroelastic corrections are necessary, no Reynolds number effects were found.
The flight and wind tunnel predictions are in good agreement.

4.1.4 Buffet

Figure 4.1.6 [81/6] depicts a typical flow pattern on a transonic swept wing at
buffet onset and with moderate buffet. At buffet onset, there is a bifurcated shock in
the planform plane, mild shock induced separation, and the beginning of trailing edge
separation in the wing root region. As incidence is increased, the flow pattern becomes
much more complex with thickened shear layers, leading edge as well as shock induced
separated regions, and regions of complete flow breakdown. The flow structure in the
vicinity of the surface has much lower energy and is therefore more unstable. One would
expect that since buffet is associated with such complex phenomena, Reynolds number would
be a strong influencing parameter in buffet characterization. Such, however, does not
appear to be the situation.

Because of the nature of buffet determination in conventional wind tunnels,
aercelastic effects can mask Reynolds number effects when Re is varied by changing total
pressure. Such a difficulty can be avoided by using a cryogenic facility wherein Re can
be varied by changing temperature keeping the dynamic pressure constant. Boyden (81/7]
has conducted such a test using a 65-deg swept wing. The data, Fig. 4.1.7, are presented
in terms of a steady, Cp, and an unsteady, Cp, bending moment coefficient. The steady
component is completely independent of Reynolds number as is the dynamic component prior
to vortex breakdown. The reason for the rise in Cp beyond flow breakdown at the higher Re
is believed to be associated with the increased frequency parameter rather than Re, see
Mabey (81/6).

Butler and Spavins [77/2) tested a large half model of a 43-deg swept wing at
Reynolds numbers up to the flight value which showed no Re effects and an excellent
agreement with flight data, Pig. 4.1.8.

Buffet teats on the YF-4 showed that, of B methods tried to discern buffet, wing~
tip accelerometers were the most sensitive and reliable indicator ([70/2]. Wind tunnel
data were obtained with a 5% model at unit Reynolds numbers between 3.4- and 7.8-million
depending upon Mach number., Correlation of flight and wind tunnel data both using wing-
tip accelerometers to detect buffet onset, Pig, 4.1.9, shows that at a given Mach number,
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the wind tunnel predicted the onset of flow separation from 0.5- to l-deg higher angle of
attack than was experienced in flight. Whether that discrepancy is caused by a Reynolds
number mismatch or some other factor was not investigated.

4.1.5 Transonic Technology Wing Program

A transonic technology wing program specifically designed to compare wind tunnel
and flight data was conducted by Dornier in cooperation with several other agencies
[82/11] (82/12]). The experimental aircraft, Pig., 4.1.10, and a 1/10-scale wind tunnel
model were equipped with pressure orifices at identical locations. Comparison of pressure
distributions from flight and Tunnel 16T showed generally very good agreement even though
the Reynolds number differed by a factor of 6 to 10. Typical examples are shown in Fig.
4.1.11. Boundary-layer transition was free in each instance. Drag polars for one TST
configuration are shown in Fig. 4.1.12. The wind tunnel data were obtaired in the ONERA
S2Ma at 2.5-million Reynolds number. The agreement is ‘juite good except at Mach number
0.85. The wind tunnel data at Mach number 0.85 probably contains a large increment due to
wall interference since the blockage was 1.2%.

4.1.6 Summary

Available data for low aspect ratio configurations depicting Reynolds number
effects are sparse. No systematic investigations, other than a few for sharp edge delta
wings, have been conducted. The data which are available, however, suggest that for most
of the flight regime of interest, Reynolds number effects are small to nonexistent.
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4.2 BODIES
4.2.1 Introduction

Considering the flow about bodies typical of missile configurations and/or fighter
fuselages, there exists an area particularly sensitive to Reynolds number effects,
viz., the high angle of attack domain of freestream conditions. The strong interest
in achieving high maneuverability for both missiles and fighter aircraft has
increased the importance of that domain and hence the need for an accurate pre-
diction of the vehicle performance at such conditions. We will, therefore, discuss
here mainly the Reynolds number dependence of the aerodynamic characteristics of
bodies at high angles of attack but also briefly treat the less sensitive lower
incidence range as well as afterbody and base flow and their contributions to the
overall Reynolds number dependence.

Before proceeding it should be noted that an extensive and thorough review of
viscous effectes related to bodies at high angles of attack (with an abundance of
references) was carried out by Polhamus in 1984 [84/7]. We will essentially follow
his discussion - where relevant - but restrict the present discussion to some
characteristic examples of Reynolds number effects supplemented by results on
afterbody and base flow.

4.2,2 Cylinders in normal flow

Many of the Reynolds number dependent viscous flow phenomena encountered by mis-
siles and fuselages at high angles of attack can be related, at least qualitatively,
to the flow about circular cylinders. Here, the various phenomena and regimes
covered as the Reynolds number is increased, say, from the low Reynolds number wind
tunnel teats to full-scale conditions can best be explained. These regimes are
defined in Figure 4.2.1 where the drag coefficient for a circular cylinder is
plotted versus the Reynoclds number based on the diameter of the cylinder [84/7].

In the subcritical range, below a Reynolds number of RD=2x105, the flow is laminar
and a laminar separation occurs at a separation angle of Gs=60°. Since the flow
does not reattach, a wide wake and a correspondingly high drag coefficient results.
In this range a dominant vortex shedding frequency is present. When increasing
the Reynolds number, the laminar separation is followed by a turbulent reattachment
with transition having occurred in the separated shear layer. In this "critical”
range a renewed but turbulent separation takes place further downstream -~ for
RD=4x105, for instance, at 85=130° - resulting in a narrowing of the wake with an
associated satrong decline in drag coefficient. Other than stated by Polhamus
{84/7], evidence is given, for instance, by Horvath et al. [86/3] and Schewe [83/11]
that a narrowband coherent vortex shedding still exists in the critical Reynolds
number range. Note, that flows with laminar separation and transition taking place
in the separated shear layer are known to give a similarly favorable effect on drag
for airfoils and wings in transonic flow [68/2] [81/1].

In the supercritical range, RD=4x105 to about RD=6x105, transition to turbulent
flow moves upstream to a position ahead of separation and eventually to the vicinity
of the foreward stagnation point. In that range the sgeparation point shifts, due
to the change in boundary layer conditions, also upstream from the extreme down-
stream position 85=130° to about 65=115°; there is, due to the widening of the wake,
a corresponding increase in the drag coefficient. Spectra signatures from this
regime are wideband with no predominant frequency except for a small region at the
high Reynolds number end where a narrowband vortex shedding prevails. The flow
development in the supercritical range is very sensjitive to freestream turbulence
and surface roughness [86/3].

At the high Reynolds number end of the supercritical range, the drag levels off
since the upstream movement of the transition point eventually comes to a halt.
At still higher Reynolds numbers in a range termed "hypercritical™ by Polhamus
[84/7), the boundary layer is fully turbulent and the drag coefficient is likely
to decrease with increasing Reynolds number, predominantly due to a slight downward
shift in the separation location. The vortex wake flow becomes here at least qua-~
si-periodic.

Many correlations have been made of the effect of the Reynolds number on the flow
about circular cylinders. These correlations have often shown a wide band of data
uncertainty which was explained as being caused, for instance, by differences in
surface roughness, compressibility and end conditions, 1. e., the tunnel width to
cylinder diameter ratio. Polhamus [84/7] has carriad out a careful selection of
results from various sources, restricting the data to incompressible flow
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(M <0.15)!') , which are essentially free from “secondary" effects; they are
depicted in Figure 4.2.2. The data basically exhibit the Reynolds number dependence
described above. The reader is also referred to the investigation of Schewe [83/11]
who covered a Reynolds number range between Reo=2.3x10‘ and ReD=7x106 with one
experimental setup by varying the total pressure between one and 51 bar. The
investigation revealed interesting details of the flow behavior in the critical
Reynolds number range where distinct discontinuities in the Reynolds number
dependence were observed, Figure 4.2.3. Here, the discontinuity at A is attributed
to the formation of a laminar separation with turbulent reattachment and subsequent
far aft separation on one side of the cylinder and a laminar separation without
reattachment on the other side. This asymmetric flow development is accompanied
by a steady lift force, Figure 4.2.4, which disappears as soon a8 the flow re-es-
tablishes its symmetric condition with increasing Reynolds number; the latter
results in the discontinuity at B. Note, that the lift force observed in the cri-
tical range is associated with one mechanism generating side forces (out-off-plane
forces) on, say, a three~dimensional ogive-cylinder body at angle of attack.

It was mentioned earlier that two effects, namely the effects of roughness and
compressibility, frequently obscured a comparison of results on flows about cyl-
inders obtained from different sources. Their individual influence is, therefore,
shown in Figures 4.2.5 and 4.2.6: Roughness of sufficient height essentially
promotes an early transition so that the transition point may always be located
upstream of the separation point as is the situation of the upper two curves of
Figure 4.2.5 (r/Dx105=900 and 450, respectively). Here, an increase in Reynolds
number, starting, say, at RD=105, initially moves the transition point further
upstream to the vicinity of the stagnation point resulting in an increase in drag.
At a further increase in Reynolds number the drag gradually decreases with the
behavior of the flow being as in the hypercritical range, although at much lower
Reynolds numbers. As the roughness height is decreased , various stages in the
Reynolde number dependence of the flow development can be observed: At
r/D=110x10° , for instance, a very noticeable critical as well as a supercritical
domain still exist; however, both extend over a much smaller Reynolds number range
than ie obtained with a smooth surface. Concerning compressibility, Figure 4.2.6,
one observes that the classical Reyrnolds number dependence persists at least up
to the vicinity of the critical Mach number with the drag increasing as the Mach
number ia raised. As soon as shock waves occur, strong enough to separate the
turbulent boundary layer, the characteristic drop in drag in the critical Reynolds
number range is likely to disappear (also see Figure 4.2.12.). Note, that the drag
coefficient decreases in the hypercritical range as was conjectured when discussing
Figure 4.2.1.

Besides the circular cylinder, other cross-sectional shapes are of interest such
as, for instance, a rectangular cross gsection with rounded corneras which might be
selected for a missile body to improve the packing density for submunition [83/12].
Furthermore, such shapes can be found on fuselages of modern combat aircraft which
are required to maneuver at high angles of attack. Figure 4.2.7, again taken from
Ref [84/7], summarizes some typical results concerning the Reynolds number
dependence of the drag coefficient for cylinders with square cross sections having
various values of the normalized corner radius. One observes a strong effect of
the corner radius on both the value of the drag and on the Reynolds number €or the
transition from subcritical to supercritical flow. For the smallest radius,
r/w=0.021, separation occurs on the windward corners, essentially fixed by geom-
etry, at least at the low Reynolds numbers considered here, and the strong Reynolds
number effects observed for the circular cylinder cannot be expected. The drag
is similar to that for a flat plate perpendicular to the flow. As the corner radius
is increased, the adverse pressure gradients at the corners are reduced and, as a
consequence, separation is now affected by Reynolds number in a way similar to the
circular cylinder, although the drag of the latter is not reached here.

Ref. 84/7 also considers the influence of the flow angle on drag and side forces
for cylindere with non-circular cross sections and cross sections with other than
rectangular shapes. The results show basically similar Reynolds number dependences
as the ones depicted in Figure 4.2.7. Finally, it should be noted that data for
non-circular cross sections are mainly available for incompressible flow and Rey-
nolds numbers of R0052x10°; there is a considerable need to extend investigations
to compressible flow and to higher Reynolds numbers.

4.2.3 Cylinders in oblique flow

An interim stage between the cylinder in normal flow and, say, a cone-cylinder body
at angle of attack is the cylinder of infinite length in oblique flow (swept

1) Applicable to three-dimensional bodies in transonic flow at low angles of attack
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cylinder). Results for such a configuration are depicted in Figure 4.2.8 in the
form normal force, Cy/sin2a, versus effective Reynolds number, Regy , for various
sweep angles o {84/7). Here, the effective Reynolds number corresponda to the one
defined by Esch [75/6), viz.,

Regy = Rep . Ky
where

Ky = [0.983 / sine + 0.311 +
0.287 . sina] / 1.581

In this formulation, Ky is equal to the ratio of the circumferential length of the
body in the plane parallel to the freestream (ellipse) to that in the cross flow
plane (circle), thus accounting for the actual change in streamline length, say,
to the geparation line, as the sweep angle is changed. One observes that this
effective Reynolds number correlates the data of Figure 4.2.8 with regard to the
onset of the critical Reynolds number regime quite well - as a matter of fact,
better than any other correlation. This indicates that the flow component normal
to the cylinder is not instrumental in determining separation and transition con-
ditions, at least not at sweep angles of «s60°, a fact alsc supported by the
dependence of the normal force coefficient Cy/Bin2a on the sweep angle in the
supercritical Reynolds number range. Such a limit in the applicability of the
independence principle, i.e., the independence of the flow components normal and
parallel to the body considered, which holds strictly only for laminar flow, was
also found for shock-induced separation on wings in transonic flow (88/1]. For
further discussions on the Reynolds number dependence of the flow about infinitely
swept cylinders, the readev is referred to Ref. 84,/7.

4.2.4 Three-dimensional bodles

As a slender body is pitched through the angle of attack range 0°<4<90°, it expe-
riences four distinct flow patterns that reflect the diminishing influence of the
axial flow component eventually leading to conditiona diacussed in the previous
sections, Figure 4.2.9 [87/4] (79/3] (81/8]. At low angles of attack the axial
component dominates ; the flow is attached and essentially vortex free. As the angle
of attack is increased, cross flow developes and the boundary layer separates on
the leeward side of the body forming a symmetric vortex pair. This condition is
deplcted in Figure 4.2.9 (a) for a=30°. Note, that the vortex lifts off the body
at the extreme downstream end. in the next higher a-~regime, the cross flow
effects start to dominate and the vortices become asymmetric thereby producing a
side force at zero side slip or yaw, Figure 4.2.9 (a), a=50°. Finally, at very
high angles of attack, the cross flow dominates completely and the vortices are
shed either in a periodic form or in a wideband random fashion dependent on the
Reynolds number as discussed in Section 4.2.2 for the cylinder in normal flow.

It can be expected that the flow development in the various regimes is more or less
strongly influenced by the Reynolds number. To show this the normal force coeffi-
cient, based on freestream conditions and base area, for a typical ogive-cylinder
body is first depicted as function of the angle of attack with the Reynolds number
as parameter, Figure 4.2.10 {78/5]. Also indicated in this figure is the angle
of attack dependence of the normal force according to cross flow theory assuming
a purely laminar and a fully turbulent separation with separation angles corre-
sponding to the maximum drag in the subcritical and the minimum drag in the
supercritical Reynolds number regime, respectively, for the cylinder in normal flow
[51/3]. One observes that the flow development is highly dependent on Reynolds
number, starting already at relatively low angles of incidence, and that a par-
ticularly strong change in normal force occurs as separation shifts from a laminar
to a fully turbulent state.

A still better illustration of the flow development is obtained when cross-plotting
the results of Figure 4.2.10 as function of the Reynolds number with the angle of
attack as parameter. This was carried out by Polhamus {84/7] supplementing these
results by data of Foley [71/10] at an incidence of a=30°, Figure 4.2.11. The
different Reynolds number regimes, discussed in Sectior. 4.2.2 for the cylinder in
normal flow, become clearly distinguishable: the subcritical rangec where a laminar
separation prevails, the critical Reynolds number domain where a transitional
separation with subseguent turublent reattachment and a renewed separation takes
place - and where the drag coefficient for the cylinder in normal flow has a minimum
-~ and the super- and hypercritical domains where the separation eventually becomes
fully turbulent. Figure 4.2.11 alsoc illustrates the large reduction in the critical
Reynolds number, based on cylinder diameter and freestream conditions, with
decreasing angle of attack which is associated with the corresponding increase in
streamline length similar to the conditions for the infinitely swept cylinder
discusaed earlier. (For the establishment of the characteristic boundaries, marked
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by the dashed lines in Figure 4.2.11, from results for the cylinder in normal flow,
the reader is referred to Ref. 84/7.) Note, that the influence of compressibility
on the critical Reynolds number is still minor at the freestream Mach number con-~
sidered (M_=0.5), even at the extreme angles of attack.

In order to explore the influence of compressibility on the Reynolds number
dependence, the data of Hartmann [78/5] are cross-plotted in Figure 4.2.12 for
constant Mach numbere at angles of attack of «=30° and a=60° . It can be observed
that the critical Reynolds number increases slightly with Mach number and that,
at the same time, the Reynolds number sensitivity in the critical Reynolds number
range gradually disappears. The latter is due to the fact, already pointed out
in Section 4.2.2, that the cross flow Mach number becomes large enough to establish
supersonic regions on the body with terminating shock waves strong enough to sep-
arate the boundary layer essentially independent of the condition of the boundary
layer upstream of the shock. This is in agreement with evidence presented in Ref.
88/1 which indicates that the onset of shock-induced separation (incipient sepa-
ration) is, for a turbulent boundary layer, only weakly dependent on viscous
effects so that only a marginal decrease in normal force with Reynolds number can
be expected here. Note, that the second set of Reynolds number boundaries given
in Figure 4.2.12, termed "laminar, transitional and fully turbulent", will be
discussed below.

It is well known that side (or out-off-plane) forces on slender bodies at zero
side-slip or yaw angle pose a serious problem to the maneuverability of such con-
figurations so that a closer look at the Reynoclds number dependence of side forces
in the various angle of attack domains seems warranted. There are easentially two
mechanisms that may generate side forces: One occurs only in the critical Reynolds
number regime and is related to the steady lift forces on the cylinder in normal
flow caused by different develupments of transition and separation on the upper
and lower side of the cylinder (see Figure 4.2.4 and Section 4.2.2). The other
mechanism, referred to at the beginning of this section, also operates in the
subcritical (laminar) and the super- and hypercritical (fully turbulent) separation
regimes; this mechanism is directly related to hydrodynamic instability and is
qualitatively described by the impulsive flow analogy [82/13]. For a more detailed
study of vortex-induced asymmetric loads, the reader is referred to the review of
Ericsson and Reding {81/8] and the papers by Lamont [82/13], Hartmann {87/4]) and
Champigny [86/4].

The true effect of Reynolds number and angle of attack on side forces can only be
determined when first considering the variation of the side force with roll angle
which occurs even if the flow is steady and extreme care has been taken to manu-
facture a model without apparent geometric asymmetry ([82/13]. The phenomenon is
illustrated in Figure 4.2.13 for two angles of attack and Reynolds numbers of
Reo=2.5x105 and ReD=7.3x105, corresponding - see Figur 4.2.11 - to the subcritical
and supercritical Reynolds number range, respectively. One observes that in the
test cases considered two side force cycles occur during a complete roll and that,
furthermore, pronounced maxima are present which seem to decrease as the Reynolds
number is raised. Considering henceforth only the absolute maximum during a com-
plete roll as representative of the overall side force, it is indicated in Figure
4.2.14, taken from Ref. 82/13, that there is a strong variation of that force with
angle of attack as well as with Reynolds number. Side forces start to develop,
nearly independent of the Reynolds number, at an angle of attack of about a=30°
and persist almost up to s=90°, especially at ReD=O.4x105, a Reynolds number which
lies within the critical Reynolds number range where for the cylinder in normal
flow spurious lift forces existed.

The effect of the Reynolds number on the maximum side force is illustrated in Figure
4.2.15 for two test cases {82/13] [85/13}%. The maximum side force falls from a
high value at a Reynolds number of approximately ReD=2x105 {laminar separation)
to almost zero at the end of the critical Reynolds number range before climbing
again to a higher value at Reynolds numbers of Re°=2x106 to Re,=4x108 at which a
fully turbulent separation exists. The Reynolds number range where the side forces
become almost zerc is the same as the one where the cylinder in normal flow exhibits
a minimum in the Reynolds number dependence of the drag coefficient and where the
steady lift force, Figure 4.2.4, falls again to zero. At these conditions sepa-
ration occurs furthest downstream, as indicated by the corresponding circumferen-
tial pressure distribution in Figure 4.2.16, and the symmetric vortex pattern
becomes stable. The results of Figure 4.2.15 are somewhat contrary to a statement
of Ericsson and Reding [81/8] who claim that the largest side forces develop in
the critical Reynolds number regime due to differences in the transition pattern
on opposite sides of the cylinder. Note, that the vortex-induced side loads
decrease with increasing subsonic cross flow Mach number (M, 2 0.4) and become
insignificant at supersonic cross flow Mach numbers [81/8] [84/7].
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At various instances we have raferred to boundaries identifying characteristic
Reynolds number domains for three-dimensional bodies: One set of boundaries, i.e.,
subcritical, critical and super- and hypercritical, was derived from the conditions
on the cylinder in normal flow utilizing the relation for the effective Reynolds
number K,=Req /Re; (see Section 4.2.2 and Figures 4.2.8 and 4.2.11). Another
classification is based simply on the type of separation occurring on the body,
i.e., laminar, transitional - with transition taking place within the separated
region =~ or fully turbulent separation. Lamont derived such boundaries from
pressure distributions similar to the ones depicted in Figure 4.2.16 for an
ogive-cylinder body [82/13]. These boundaries are shown in Figure 4.2.17 in the
Reynolds number / angle of attack plane. One observes that the Reynolds number
boundary between transitional and fully turbulent separation is a strong function
of angle of attack, whereas the laminar-transitional separation boundary is much
less dependent on incidence. Note, that these boundaries may strictly only be
applied to smooth cylinders in low turbulence streams for which they were derived.
It seems likely that freestream turbulence and surface roughness will have an
effect on inclined cylinder flows similar to the one experienced for the cylinder
in normal flow (see Figure 4.2.5).

Also of interest, for reasons outlined in Section 4.2.2, is the Reynolds number
dependence of three-dimensional bodies with non-circular cross sections. Unfortu-
nately, there is only a very linited number of results available and of the few,
just one example is shown here, depicting the effect of the Reynolds number on the
normal force coefficient for the fuselage of an orbiter-type vehicle with various
corner radii, Figure 4.2.18 [84/7] [71/11]. The dependence on Reynolds number and
corner radius is essentially the same as for the corresponding cylinder in normal
flow and, at a given corner radius, say r/w=0.086, the effect of viscosity is very
similar to the one for an ogive-cylinder configuration: a nearly constant normal
force in the subcritical Reynolds number range and a strong decrease in normal force
as the critical Reynolds number is exceeded. Note, that also for the present
configuration, the Reynolds number sensitivity ir the critical Reynolds number
range disappeare as the normal Mach number component exceeds critical freestream
conditions.

4.2.5 Afterbody and base flow

The investigation of afterbodies, either by detailed studies of the local flow
development or by determination of the overall forces acting on the afterbody, is
an integral part of the flight wvehicle design and development process [85/14]. The
importance of such investigations derives, in part, from the fact that afterbodies,
either as a component of the fuselage or as part of the propulsion/exhaust system
of jet-propelled aircraft, may contribute considerably to the overall drag of the
flight vehicle. Accurate prediction of the full-scale flow development requires
the understanding of possible Reynolds number effects on afterbody flow. Note, that
a critical review of computational and experimental techniques concerned with
afterbody/nozzle aerodynamics, jet airframe interference effects, and nozzle
integration is presented in the report of the AGARD Working Group "Aerodynamics
of Aircraft Afterbody" [86/5] (alsc see 85/14), unfortunately without addressing
the imssue of Reynolds number effects to any extent.

A review of the effect of Reynolds number on afterbody drag was given by Pozniak
in Ref. 81/9. Concerning the Reynolds number influence, he comes to the following
conclusions:

. At subsonic Mach numbers and in the absence of major flow meparation, signif-
icant but compensating pressure changes are found such that there is little
effect on the afterbody pressure drag of complete afterbodies as Reynolds
number in varied.

. In the presence of flow separation, the effects of Reynolds number tend to be
emall when the location of flow separation is fixed as a result of a sudden
change in the boattail contour, but on afterbodies with more continuous con-
tours the point of separation can be affected. Conflicting factors are then
involved and the afterbody drag can increase or decrease by modest amounts or
remain unaffected by Reynolds number changes.

. Significant increases in drag with increasing Reynolds number have been con-
sistantly reported for high subsonic Mach numbers above the transonic¢ drag rise
and at supersonic speeds.

. Misleading Reynolds number effects on afterbody drag may occur due to the
influence of the Reynolds number on wall interference and the wind tunnel
environment.




In this section some representative results relating to these conclusions shall
be presented, utilizing data that are considered essentially free of "secondary"
effects caused by changing models, test setups and wind tunnels to cover a wide
Reynolds number range or by the effect of the Reynolds number on the wind tunnel
environment.

Figure 4.2.19 shows the dependence of the pressure drag for a circular-arc-cone
afterbody on the Reynolds number, the latter based on the forebody length, L. The
data were obtained in the NASA-Langley 0.3-m cryogenic tunnel at Mach numbers of
M,=0.60 and 0.9 over a wide Reynolds number range [76/6]. Note, that in addition
to the temperature and pressure of the tunnel, the forebody length was varied to
cover the Reynolds number range up to ReL=130x105, as indicated by the open and
half~filled symbols in Figure 4.2.19.

One observes at both Mach numbers considered and for both body lengths utilized a
moderate increase in afterbody pressure drag, based on maximum body cross section
area, with Reynolds number. There is also a noticeable difference in drag for the
different body lengths. The latter is judged to be due to the differences in the
condition of the boundary layer approaching the afterbody, mainly the displacement
thickness, which is for the same Reynolds number Re larger in the case of the
longer body. At the lower Mach number, the drag thus seems to increase with dis-
placement thickness, while at M,=0.90 the pressure drag decreases slightly, at
least in the lower Reynolds number range, which is in accordance with the trend
observed with increasing Reynolds number. This behavior shall be further analyzed
by considering the corresponding pressure distribution.

One of the reasons for the low Reynolds number sensitivity of the afterbody drag
observed here is the compensation that occurs in the Reynolds number dependence
of the pressure distribution. This is illustrated in Figure 4.2.20 where the minima
and maxima in the pressure distribution, identified in the inset to this figure,
are depicted as function of the Reynolds number for the conditions outlined above.
One notices that the minimum pressure decreases with Reynolds number, which can
essentially be attributed to the reduction in the displacement thickness at the
shoulder of the afterbody; this is confirmed by comparing the pressures for the
two different body lengths. The reduction in displacement thickness results in an
increased curvature of the effective body contour and thus in a stronger expansion.
The pressure recovery improves with Reynolds number and - for the same reason -
with decreasing displacement thickness, similar to the effects observed on tran-
sonic airfeils and wings [81/1), thus compensating, at least in part, the higher
suction peaks. Figure 4.2.20 also provides an explanation why at M_=0.60 the
pressure drag increases at a given Re  with increasing displacement thickness: the
lower pressures over the rear of the afterbody in case of the thicker boundary layer
are not able to compensate the suction peak, which results in a net increase in
drag. This may be due to a rear separation occurring at these conditions. Generally,
the test cases considered correspond to conditions prior to the transonic drag
rise, and (shock- induced) separation does not play a major role in the flow
development. Overall changes in the pressure drag are correspondingly small.

It was stated in the conclusions cited above (Pozniak 81/9) that the Reynolds number
sensitivity of afterbody drag becomes larger in the vicinity of and especially
above the drag rise boundary. This is illustrated in Figure 4.2.20 for the boattail
"6524", investigated in a comprehensive test program, involving several body
geometries, conducted by Blaha et al. [76/7]. The displacement thickness - rather
than the Reynolds number - was here the parameter representing viscous conditions;
it was varied by changing body length and roughness. At M;=0.60, for a flow that
is mainly attached, the flow development is similar to the one described above:
increases in the suction peaks and improved pressure recoveries compensate to give
near-zero drag changes with decreasing displacement thickness, Figure 4.2.21 (c).
At the higher Mach numbers, say, M, 2 0.9, significant areas of separation were
present, which tended to be reduced in extent as the initial displacement thickness
was raised, Figure 4.2.21 (b). (Note, that the areas denoted "highly turbulent”
in that figure mark regionas of intermittent backflow.) As shown by the pressure
distributions at Mg, = 0.90, the thinner boundary layer resulted here in a remarkably
strong increase in the suction, indicating the presence of a supersonic pocket with
a terminating shock wave, the latter causing the boundary layer to separate early.
For the larger displacement thickness, the suction pressure barely exceeds the one
for M =0.60. The high suction values and the reduced pressure recoveries due to
separation are, of course, the reason for the large increase in pressure drag
observed for the thinner boundary layers, Figure 4.2.21 (a).

Figure 4.2.22 summarizes the influence of increasing displacement thickness on
boattail pressure drag for the body "6524" just discussed. Also shown is the
Reynolds number dependence for body "2524", characterized by larger pressure gra-
dients, at M,=0.90. Due to the larger pressure gradients, the response to viscovs
changes is much more severe.
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The results described in the preceding paragraphs were obtained on simple
forebody/afterbody configurations, and, in general, the afterbody drag increased
with increasing Reynolds number or decreasing displacement thickness. In the fol-
lowing, results for a more complex configuration shall briefly be considered:
Measurements of the installed boattail drag over a wide range of Reynolds numbers
have been made by NASA on boattails mounted behind underwing nacelles on an F-106
type delta aircraft during tunnel and flight teats [75/7]. Examples of the measured
pressure drag at M,=0.60 and 0.90 are depicted in Figure 4.2.23, replotted from
Ref. 81/9, for the flight tests only, being consistent with the initial statement
to restrict the illustration of Reynolds number effects to results obtained with
one configuration and one test setup to aveid "secondary" effects of obscuring the
results.

The flight test data for the various boattail geometries consistently indicate a
reduction in boattail drag with increasing Reynolds number, although the exact rate
is uncertain due to the scatter of data. There are several comments to be made
concerning this Reynolds number dependence: One reason for the drag reduction with
Reynolds number might be due to the dominant effect of the Reynolds number on
separation, hence on pressure recovery, rather than on the suction peak, contrary
to the development observed for the bodies in Figures 4.2.21 and 4.2.22; a favorable
effect of an increase in Reynolds number on separation, determined by wool tufts,
was indicated during the flight tests. Another possible contribution to the
cbserved variation in drag may arise from the presence of a significant and
favorable interference effect from the closeness of the contoured part of the
afterbody to the wing coupled with a positive influence of increasing Reynolds
number on the wing flow. There is, however, further - indirect - evidence from other
flight teasts [74/4) that boattail separation in relation to the suction peak
development may essentially determine this drag behavior: Little effect of Reynolds
number on drag was shown in cases where little movement of the separation point
occurred.

There are many parameters - besides the ones associated with viscous changes - that
may have an influence on afterbody flow, especially for complex geometries. For a
more detailed study of these, the reader is referred to Refs. 85/11 and 81/9 and
the many literature sources given there.

Base pressure is likely to be affected by the boundary layer condition upstream
of the base in a way similar to the afterbody pressure distribution, at least as
far as the expansion around the shoulder is concerned. There seems, therefore,
no need to address here viscous effects on base flow to any great extent. In
addition, a detailed study of the aerodynamics of base flow, including the influ-
ence of combustion, also containing major correlations of base pressure with vis-
cous and geometric parameters, is given in Ref. 76/8, to which the reader is
referred.

A characteristic example of the influence of the state of the boundary layer on
base pressure is depicted in Figure 4.2.2¢4 for a cone-cylinder model with
L/D=5[76/8]: In the laminar region, the base pressure coefficient decreases with
increasing Reynolds number, mainly due to the corresponding reduction in dis-
placement thickness at the corner of the base. In the transitional region and the
initial turbulent domain, the base pressure increases with Reynolds number, prob-
ably due to boundary layer transition progressing upstream towards the apex of the
body with a corresponding increase in the boundary layer thickness. For fully
turbulent flow approaching the corner, the base pressure decreases again as the
Reynolds number is raised; this is illustrated in Figure 4.2.25 by a large body
of experimental data presented in a correlation according to Chapman [58/1]).

As a further example of the Reynolds number effect on base flow, some results of
measurements on a space shuttle orbiter-type configuration at transonic speeds -
however, only over a very limited Reynolds number range - are depicted in Figure
4.2.26 (72/7]. The data, obtained for free and forced transition and at various
angles of incidence, all show the same trend: an increase in base-drag coefficient
- due to a drop in base pressure - with increasing Reynolds number similar to the
behavior observed on the simpler geometry discussed above.

4.2.8 Conclusion

The Reynolds number dependence of the flow about bodies, including afterbody and
base flow, has briefly been reviewed. This review showed examples characteristic
of Reynolds number effects for cylinders with circular and non-circular cross
sections in normal flow, sheared cylinders of quasi-infinite span, three-dimen-
sional fuselage- and missile-type bodies, and afterbodies as they exist on fighters
and nacelles as part of the exhaust/propulsion system.




Two-dimensional bodies at subcritical speeds and three-dimensional bodies with
subcritical cross flow velocities exhib. - essentially the same behavior with
increasing Reynolds number: At low Reynolds numbers the flow is laminar and laminar
separation occurse, drag and normal force, respectively, are relatively high. As
the Reynolds number is increased, the critical Reynolds number range is entered,
and drag and normal force drop rapidly due to transition occurring in the separated
shear layer with a subseguent turbulent reattachment and renewed separation at a
large circumferential angle. At transitional separation conditions, a steady lift
force may act on the cylinder in cross flow which manifests itself on the three-
dimensional body as a side force. These forces are cauced by differences in the
boundary layer, and hence separation development, on opposite sides of the body.
The side force ie nearly zero at the transition between the critical and the
supercritical Reynolds number ranges where the drag and the normal force for the
two-dimensional cylinder and the three-dimensional body, respectively, also have
a minimum. Note, that thege side forces may occur at any angle of attack and that
they are, at a given incidence and wind tunnel environment, only dependent on
Reynolds number. A further increase in Reynolds number results in an increase in
drag and normal force up to conditions at which the movement of the transition peint
on the body ceases; hereafter, a reversal in Reynolds number dependence should
develop; however, very little data is available in the hypercritical Reynolds
number range to confirm this.

A second mechanism generating side forces on a three-dimensional body is related
to hydrodynamic instability. These out-off-plane forces occur at angles of attack
roughly between 30° and 60°, dependent on body length, in all Reynolds number
regimes; they have, however, as indicated above, a minimum in the
critical/supercritical Reynolds number range.

With increasing Mach number, the classical Reynolds number dependence disappears
due to the development of supersonic regions with terminating shock waves strong
enough to separate even the turbulent boundary layer. At such conditions, the flow
development seems not very susceptible to viscous changes The freestream conditions
at which this occurs may, however, dependent on angle of attack, already be
supersonic since the freestream Mach number component normal to the body is the
dominant parameter.

Note, that single or distributed roughness in a form that fixes transition well
upstream of separation also strongly reduces the Reynolds number dependence, as
do bodies with corner radii that essentially fix separation itself.

Concerning afterbody flow, it was found that at subsonic Mach numbers in the absence
of major flow separation significant but compensating pressure changes occur such
that there is little effect of Reynolds number on afterbody pressure drag. However,
strong increases in drag with increasing Reynolds number were consistantly observed
at subsonic Mach numbers above the transonic drag rise and at supersonic speeds.
At the lower Mach numbers, the stronger expansion in the shoulder region of the
afterbody caused by reduced displacement thickness as Reynolds number increases
is compensated by the improved pressure recovery; at the higher Mach numbers,
reducing displacement thickness by increasing Reynolds number causes such a strong
expansion that shock waves develop separating the boundary layer in a way that the
pressure recovery can no longer compensate the expansion and a net increase in drag
results.

There is also evidence obtained on more complex configurations, e.g., boattails
mounted behind underwing nacelles, that the boattail pressure drag may well
decrease with increasing Reynolds number. One reason for this behavior seems to
be the positive effect of the Reynolds number on separation, hence on pressure
recovery, rather than on the suction peak development, as was the case in the
examples cited above.

The opposing trends in the Reynolds number dependence of afterbody drag suggests
that further research is needed, especially for more complex configurations, to
determine conditions at which either the effect of the Reynolds number on the
suction peak or on separation is dominant, and, furthermore, to determine the
influence of the closeness of the afterbody to adjacent aircraft components. Con-
cerning the Reynolds number effect on the flow about two- and three-dimensional
bodies, more information is needed at Reynolds numbers in the supercritical and
hypercritical domains, especially at Mach numbers above critical freestream con-
ditions and for bodies with non-circular cross sections. Also of interest are
investigations related to the influence of the Reynolds number on the interference
between bodies and control surfaces which was not explicitly discussed here.
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5. CONCLUDING REMARKS

Reynolds number effects in transonic flow were critically reviewed. In this review,
the following geometries were considered: Airfoils and high aspect ratio wings
typical of transport aircraft configuratione, fighter-type low aspect ratio delta
wings, two- and three-dimensional bodies characteristic of missiles and combat
aircraft fuselages, and afterbodies. Furthermore included in this review were
pseudo-Reynolds number effects which may arise, for instance, due to the influence
of the Reynolds number on the wind tunnel environment, and, as an introduction to
the present topic, a brief review of the "history" of Reynolds number effects
associated with transonic flow.

It was originelly envisaged to also present a section on fundamental Reynolds
number effects covering the influence of the Reynolds number on the boundary layer
development, including transition, and on basic viscous / inviscid interactions
such as shock boundary layer interaction and trailing edge separation; however,
since this subject is comprehensively discussed in the report of the AGARD Working
Group 09 "Boundary Layer Simulation and Control in Wind Tunnels", which will be
published concurrent with the present AGARDograph, it was decided to omit that
discussion here.

Systematic study of Reynolds number (scale) effects, which commenced some time
after second world war when transonic flight itself became a matter of thorough
scientific study and which obtained new impetus after Loving of NASA published his
report on the large differences between C~141 wind tunnel and flight results in
1966, frequently reveal "anomalieb”™ which can be traced to the wind tunnel envi-
ronment and measuring techniquea and their response to Reynolds number changes.
Such "anomalies", sometimes labeled as "unit"-Reynolds number effects, are better
described as "pseudo"-Reynolds number effects with the Reynolds number influencing
the wind tunnel environment which, in turn, affects the flow about the model.
Factors which have the potential of intreducing pseudo~Reynolds number effects
include wall interference, tunnel Mach number calibration, noise, turbulence,
humidity, non-uniform flow (flow angle, temperature, pressure gradients), flow
contamination, side wall effects in two-dimensional tests, model deformation and
transition fixing. Here are examples of the manifestation of pseudo-Reynolds number
effects: Changing Reynolds number was found to change the characteristics of par-
tially open wind tunnel walls, hence the magnitude of wall interference for a given
model, and therewith, for instance, the effective freestream conditions. Noise and
turbulence may affect the transition location; noise and turbulence tend to
increase due to an increase in wind tunnel power, the latter required to raise
Reynolds number. Transition location may be influenced directly by an increase in
Reynolds number and, superimposed, via the change in turbulence and noise level.
In the same way - although the influence seems to be small - the effect of noise
and turbulence intensity on the turbulent boundary layer development may induce a
pseudo-Reynolds number effect. Humidity alters the pressure distribution including
shock location; humidity effects change with total pressure, the latter utilized
to alter Reynolds number. Wind tunnel contamination by particles small enough to
be airborne and simultaneously hard enough to cause roughening of model surfaces
in the stagnation region may contribute to pseudo-Reynolds number effects in a
different way: Roughness in the stagnation region can cause premature transition
thus obscuring the "true" influence of Reynolds number on transition point move-
ment.

Tunnel calibration must be performed at all total pressure and temperature condi-
tions that are expected during the actual model tests since the relation between
the average test section Mach number and the reference Mach number may be Reynolds
number dependent. Also considered in that regard should be flow non-uniformities,
i.e., spatial gradients of pressure, temperature and angle of attack, for instance,
and their Reynolds number dependence. Especially in two-dimensional flow, the
influence of the Reynolds number on the side wall boundary layer development may
cause spurious effects on the flow about the model which may falsely be interpreted
as real Reynolda number effects; proper treatment of the side wall boundary layer
or a sufficiently large aspect ratio ( 2.5) is required to avoid these influences.
Undeaireable thermal non-equilibrium, i.e., undesireable deviations of the model
wall temperature from adiabatic wall conditions, may oucur in short duration wind
tunnels, for instance, due to the throttling process in the control valve, or in
continuous (cryogenic) wind tunnels when Reynolds number is varied by temperature
changes and time is not allotted for the model to acquire adiabatic wall temper-
ature. Thermal non-equilibrium has a considerable influence on the boundary layer
development and hence on aerodynamic parameters sensitive to viscous changes. Model
deflections may easily introduce pseudo-Reynolds number effects if the deflections
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are a result of changes in the model load associated with increasing total pressure;
model deflections must be accounted for. Finally, transition fixing may be accom-
panied by pseudo-Reynolds number effects if the height of the roughness element,
utilized to force transition , is not adjusted to the freestream conditions,
including Reynolds number itself, and over- or underfixing occurs resulting in
either too thick a boundary layer or transition taking place downstream of the
tripping device.

Considering "true" Reynolds number effects on transport-type airfoils and wings,
the available information suggests that two phenomena are of primary importance,
especially when regarding the Reynolds number difference between wind tunnel and
flight: transition point movement, itself and in conjunction with laminar versus
turbulent shock boundary layer interaction, and flow separation, either locally
near the trailing edge or of large scale between shock and trailing edge on the
upper airfell or wing surface. When transition is fixed artificially, Reynolds
number effects are mainly related to flow separation; large variations in the
pressure distribution and correspondingly in the force and moment coefficients were
observed with Reynolds number when separation extended from the foot of the shock
to the trailing edge, and especially, when the flow changed from an attached to a
separated condition as Reynolds number is decreased (or vice versa). For conditions
with attached or almost attached flow, Reynolds number effects appear to be smal-
ler, though certainly not insignificant: A limited region of trailing edge sepa-
ration, which frequently exists on rear loaded wing sections, tends to increase
the Reynolds number effect and some aerodynamic characteristics, notably drag and
piltching moment, are very sensitive to these small variations in the separated
region with Reynolds number. Note, that the boundary between attached and separated
flow as a function of Mach number and angle of attack varies itself with Reynolds
number in a systematic way. .If conditions are such that the separation location
does no longer change with Reynolds number, its effect on the overall flow devel-
opment is also small.

The second phenomenon to be considered in conjunction with observed Reynolds number
effects is the transition point movement occurring due to a change in Reynolds
number if transition is left free. Transition point movement has an effect on the
flow development (e.g., separation) similar to a "pure" Reynolds number change.
However, the effect of transition movement is much more pronounced since the change
in the initial boundary layer parameters, which determine the overall flow devel-
opment, 1is much greater than for the associated Reynolds number change with tran-
sition fixed. Concerning low Reynolds number wind tunnel tests and the scaling of
results to full-scale conditions, uncontrolled transition point movements should
be avoided, e.g., by adequately fixing transition (see the report of the AGARD WG
09), since misleading variations in the aerodynamic characteristics may occur if
the transition point can move around freely.

Avajlable data for low aspect ratio fighter-type configurations depicting Reynolds
number effects are sparse. No aystematic investigations, other than few for
sharp-edge delta wings, have been conducted in a sufficiently wide Reynolds number
range to allow firm conclusions to be made. The data which are available, however,
suggest for most of the flight regime of interest that Reynolds number effects are
small to nonexistent, the boundary layer state being controlled by leading edge
contamination or cross flow inatability.

The Reynolds number sensitivity of bodies, typical of missiles and fighter aircraft
fuselages, is also strongly related to separation, and one can distinguish easen-
tially four (classical) Reynolds number domains: Subcritical, in which the flow
is laminar and laminar separation occurs without reattachment, critical, in which
separation is transitional with turbulent reattachment and a subsequent far-aft
turbulent separation, supercritical, in which separation is turbulent and the
transition point moves upstream to the vicinity of the stagnation point with
increasing Reynolds number, and hypercritical, in which the flow, including aepa-
ration, is fully turbulent. The flow is not very sensitive to viscous changes in
the subcritical (laminar) and the hypercritical (fully turbulent) Reynolds number
domains since the separation location is essentially fixed. Especially in the
critical Reynolds number range, large changes in the aerodynamic forces - large
decreases in drag and normal force for the cylinder in cross flow and the three-
dimensional body at angle of attack, respectively - occur due to the sensitivity
of transitional separation to Reynolds number. Note, that for a three-dimensional
body the boundary between the various Reynolds number regimes is angle of attack
dependent.

The Reynolds number sensitivity in the critical and supercritical Reynolds number
domaine disappears with increasing Mach number due to the development of supersonic
regions with terminating shock waves strong enough to separate even the turbulent
boundary layer. The freestream velocity at which this happens is, for a three-di-
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mensional body, again dependent on incidence. Distributed or single roughness in
a form that fixes transition well upstream of separation also strongly reduces the
Reynolds number sensitivity, as do bodies with corner radii that essentially fix
separation.

At subsonic freestream Mach numbers and in the absence of major flow separation,
significant but compensating pressure changes occur on afterbodies such that there
is little effect on afterbody pressure drag as Reynolds number is varied. Signif-
icant increases in drag with increasing Reynolds number were consistently observed
for subsonic Mach numbers above the transonic drag rise and at supersonic Mach
numbers. However, also observed were flow developments, e.g., on boattails mounted
behind underwing nacelles, where the boattail drag decreased with increasing
Reynolds number. One reason for this behavior may be the positive effect of Rey-
nolds number on separation, hence on pressure recovery, rather than on the value
of the suction peak, as was the case for the configurations for which an increase
in pressure drag with Reynolds number was observed.

The sensitivity of the flow development about transonic flight vehicles to Reynolds
number changes illustrated in the present AGARDograph and the lack of sufficient
high Reynolds number facilities, indicate the necessity to provide generally
accepted means and ways to scale lower-than-flight Reynolds number results to
full-scale conditions. This topic was not addressed to any extent since it was the
task of the AGARD Working Group 09, "Boundary Layer Simulation and Control in Wind
Tunnels”, to provide a methodology for transonic wind tunnel testing and the
extrapolation of low Reynolds number wind tunnel results to flight conditions. The
results of the deliberations of that Working Group are published as an AGARD-report
which contains, besides the said methodology, also a review of the present state-
of-the-art in transonic wind tunnel testing, especially with regard to boundary
layer simulation as well as a critical assessment of the physical background of
viscous simulation. The present AGARDograph should be considered as complementary
to the WG 09-report.
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