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\ SUMMARY

Intern: .ional Committee on Aeronautical Fatigue scheduled to be held in
Pisa, Italy on May 20 and 21, 1985. It is being distributed within

1 This document was prepared for presentation to the 19th Conference of the { 4
Australia as an ARL Technical Memorandum. '

S

—f7A summary is presented of the aircraft fatigue research and associated
activities which form part of the programmes of the Aeronautical Research
Laboratories, the Department of Aviation and the Australian aircraft

industry. The major topics discussed include the fatigue of both civil

! and military aircraft stuctures, fatigue damage detection, analysis and

i mr ey My gy WP E MR &R T
=

repair and fatigue life monitoring and assessment. Jz;ngTl Sl e se
— . -~ s —_— — ’ ’
(e [t ) Zow N A
v i ) J / 3
Iy v ;
]
/ i
1 2 ~~f3¢iuﬁa+w )
/ - o (:) COMMONWEALTH OF AUSTRALIA 1985
('f ; —_— = —,
ey
! -t
i (A‘ 4
< ‘ —
’»/POaTAL ACDRESS+ Director, Aercnautical Research Labor:tcries,
- ?.C. Box 4331, Melbeurne, V.ctoria, 3021, Australia.

~ .
/1(7/Qv&4L<7ij_", . (,\\\\




9/2
CONTENTS

9.1 INTRODUCTION 9/3

9.2 FATIGUE OF MILITARY AIRCRAFT STRUCTURES 9/3

9.2.1 Mirage IIIO 9/3

9.2.2 GAF Nomad 9/4

9.2.3 CT4-A Air Trainer 9/6

9.2.4 Wamira - New RAAF Basic Trainer 9/8

9.3 FATIGUE IN CIVIL AIRCRAFT 9/9

9.3.1 Partenavia P68 Series Aircraft 9/9

9.3.2 Cessna Model 210 Tailplane Cracking 9/11
9.3.3 Piper Aerostar 600 Main Landing Gear Failures 9/12
9.3.4 Propeller Fatigue 9/12
9.3.5 Helicopter Fatigue 9/13
9.3.6 Bell Model 212 Lift Link Fitting Cracking 9/14
9.3.7 Fatigue of Fibre Reinforced Plastic Gliders 9/15
9.4 FATIGUE DAMAGED STRUCTURE: DETECTION, ANALYSIS AND REPAIR 9/15
9.4.1 Mirage Fatigue Life Extension Programme 9/15
9.4.2 Fatigue Life Enhancement Fastener Programme 9/18
9.4.3 Experimental Stress Measurement 9/19
9.4.4 Fatigue Crack Growth Prediction 9/20
9.4.5 Crack Closure and the Growth of Defects in Fatigue 9/22
9.4.6 Analysis and NDI of a Failed Helicopter Drive Pinion 9/22
9.4.7 Load Cycle Reconstitution 9/24
9.4.8 Composites in Aircraft Structures 9/26
9.4.9 Crack Patching Technology 9/27
9.5 FATIGUE LOADS, LIFE MONITCRING AND ASSESSMENT 9/31
9.5.1 Atmospheric Turbulence and a New Innovation to the AMDAR System 9/31
9.5.2 Safe Operation of Cracked Structure 9/32
9.5.3 Rainflow Counts in Random Noise 9/33
9.5.4 Risk and Reliability 9/34
9.5.5 Resonance Fatigue Testing of the CT4-A Empennage 9/34
9.5.6 NDI Research P 9/35
9.5.7 Fatigue Monitoring of RAAF Aircraft =~ =7+ - 9/36
9.6  BIBLIOGRAPHY ON FATIGUE T ' 9/39
9.7  REFERENCES S e ‘ 9/40
TABLES P ' 9/47
FIGURES Dot LT T 9/51

DISTRIBUTION N
DOCUMENT CONTROL DATA L

| M g s DI ok WAy

)



9/3

9.1 INTRODUCTION

This Review of Australian investigations on aeronautical fatigue in the 1983

to 1985 biennium has been made possible by the co-operation of the author's

colleagues at the Aeronautical Research Laboratories, the Department of

Aviation and in the Australian aircraft industry, and their contributions to

the Review are gratefully acknowledged. Further information on any item may

be obtained from the contacts given. The names, addresses and abbreviations
of contributing organisations are as follows:
AAC Australian Aircraft Consortium, Private Bag 14, Port Melbourne,

Victoria 3207

ARL Aeronautical Research Laboratories, PO Box 4331, Melbourne, Victoria
3001
CAC Commonwealth Aircraft Corporation Pty Ltd, Box 779H GPO, Melbourne,

Victoria 3001
DOA Department of Aviation, PO Box 367, Canberra, ACT 2601

GAF Government Aircraft Factories, PO Box 4, Port Melbourne, Victoria 3207

9.2 FATIGUE OF MILITARY AIRCRAFT STRUCTURES
9.2.1 Mirage III0 (J.M. Grandage - ARL)

As noted in the previous Australian ICAF Review /1/,

cracking detected in

service and on the Swiss fatigue test article has led to an assessment being

made of the structural integrity of the airframe as a whole. The output of

the programme will be inspection schedules for all structural locations which

need inspecting to ensure life-of-type. The programme is in some respects

similar to the damage tolerance assessments carried out by the USAF on various

existing aircraft fleets. Those aspects of the programme which have been in

progress in the period 1983-85 include:

a. Selection of structural control points for initial consideration.

b. Development of crack growth modelling techniques.

c. Specimen testing programmes for calibrating and validating crack growth

models (see Section 9.4.4).
d. Review of initial material quality to provide a basis for selection of

initial flaw sizes.
e. Review of progress on the Swiss fatigue test.

f. Fractographic analyses of cracks produced in the Swiss fatigue test.
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g. Flight trials of a strain gauged aircraft aimed at (i) improving
knowledge of the strain distribution in fuselage frame 26, and (ii)
establishing strain distributions in other components initially
considered to be critical.

h. Collection of AFDAS data (Section 9.5.7) which will be used for defining

flight load spectra for the fin and rear fuselage.

9.2.2 GAF Nomad (L.T. Tuller - GAF)

The Nomad is an unpressurised, twin turbo-prop aircraft designed and built by
the Government Aircraft Factories. It was designed as a utility aircraft
with STOL capabilities for operations from short, unprepared airfields.
Nomad aircraft are employed in military, civil, geophysical, medical,
surveillance and amphibious roles. To date, a total of 170 aircraft have

been built.

To aid certification of the aircraft, a full-scale fatigue test of the
airframe was undertaken by GAF at ARL. The test began in August, 1976, and
is based upon a mean cruise weight of 4180 kg (9200 1lb) and a one hour flight
profile. Eighty per cent of the total landings are based on operations from
prepared airstrips. The £light load spectrum is a severe civil aviation
spectrum appropriate to Australian conditions. The ground load spectrum was

derived primarily from taxi trial measurements by GAF.

To the beginning of 1985 a total of 165,843 simulated flights have been
achieved. The fatigue test was temporarily halted in December, 1982 due to a
critical failure of the stub wing front spar upper cap, Fig. 9.1. After an
18 month down-time, the Nomad fatigue test programme was resumed in May,
1984. The original stub-wing assembly was completely removed and replaced by
a new test specimen at 137,986 test hours. The new stub-wing structure
incorporates some potentially fatigue sensitive parts from the previous test

specimen (rear spar, strut pick-up fittings, etc) and a new front spar.

For example, a major
The rib will

The test continues to reveal some unexpected failures.
crack was identified in the main wing rib at STA.l114, Fig. 9.2.
shortly be replaced. A critical crack has also developed in the front spar
upper cap of the new stub wing. The crack location is identical to the
previous failure location, but the times to crack initiation differ by a

factor of five, Fig. 9.3. This failure could have significant implication

for the service life of Nomad aircraft. However, it is envisaged that
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regular in-service inspection of the critical areas of the structure, and
fractographic results will provide sufficient justification for fatigue life

extension,

Failures in the upper cap and web of the original stub wing front spar were
investigated by residual strength tests. The objectives of these tests were
to correlate fracture mechanics and residual strength test results, and to
derive the maximum permissible crack size. These objectives were
satisfactorily accomplished for the spar cap only /2/.

The stub wing spar cap residual strength test was followed by fractographic
investigation of the fracture face. Figures 9.1 and 9.4 show the starboard
failure location, and the fractographically derived crack propagation data.
The fracture surface was badly damaged during the test, and the crack
propagation data include some gaps. These uncertainties may be resolved by a
fractographic examination to be made of the port side spar crack, and the

crack in the same location in the second stub-wing.

Although the total number of identified cracks to date is 163 /3/, and most of
these cracks are of relatively minor significance, some major or critical
cracks have also occurred. A brief summary of the major cracks and failures
is provided in Table 9.1. The fatigue test is also providing an ideal
opportunity to develop and evaluate possible repair schemes and inspection
techniques, For example, a redesigned lower wing skin has survived 54,000
flights without any cracking, whereas the first crack in the original skin was

already noted at 4,500 flight hours /4/.

It is envisaged that the Nomad fatigue test programme will continue to beyond
200,000 flight hours. The currently outstanding test objectives include the
establishment of fatigue cgitic‘l areas for the wmain wing spars, and the stub
wing rear spar (a function of ground loading). These objectives are
particularly important because the currently known failure locations are not
likely to define the economic life of the airframe, Analysis of the main
wing spar strain gauges indicate that the magnitude of the test loadings will
have to be considerably increased to achieve the above objectives there. The
main disadvantage of a revised test load spectrum is the possibility of studb

wing front spar failures, and the associated costs and delays.

Several aspects of the Nomad fatigue life certification programme have been

revived, and some of these tssks are in progress. Future plans include a new

-
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flight test programme, fatigue testing of part of the wing flight countrol
system, a re-analygsis of the taxi trial results and selective monitoring of
the real flight spectrum. Strain gauges are being fitted to over one hundred
stations in the flight test aircraft to provide results for the verification
of the fatigue test loading. These investigations should provide further
data for understanding the relationship between the fatigue test results and

the service life of the structure.

Some parts of the Nomad airframe are not being fatigue tested (in particular
the fin and tailplane) and fatigue certification is being achieved by
theoretical analysis only. During 1983/84, recommendations were provided for

the replacement of the fin attachment fittings /5/.

9.2.3 CT4-A Air Trainer (C.K. Rider, R.G. Parker - ARL)

The CT4-A Air Trainer is a two-place piston engined fully aerobatic trainer
aircraft of 1070 kg all-up weight in sgervice with the Royal Australian Air
Force. Since the last report /1/ a full-scale fatigue test has been
conducted on a CT4-A Air Trainer airframe. The test began in June 1983 and
continued until final collapse was achieved in May 1984, The test article
consisted of the basic fuselage structure including engine frame, full
mainplane, horizontal tailplane and fin. The main undercarriage legs were
also included. Strains were recorded at 70 locations throughout the

structure, 16 of which were monitored continuously.

The test rig with the test article in place is shown in Fig. 9.5. The rig

and its control systems incorporated several innovative features including:

a. a patented scheme whereby positive and negative loading on the wings is
applied via one jack. It overcomes the interaction effects of dual
jacks and eliminates crossover distortion in wing strain during excursion
through zero load. On the present test article only one jack per wing
was required, but the same principle may be applied to larger tests where
several jacks may be needed.

b. an active roll compensation system in which wing tip displacement
differences and phase are fed back into the main wing load control
channels.

c. automatic valve balancing where null balances are performed during
startup and at the end of every flight.

d. a computer controlled startup sequence of 16 separate steps to permit the

necessary calibrations, safety checks and correct sequencing of hydraulic
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valves to be performed safely. The shutdown procedure was also computer
controlled to allow load to be shed uniformly. An algorithm to identify
structural failure was also incorporated into the shutdown procedure to

modify the actions required upon failure.

A sequence of actuator loads defined by fatigue meter records was developed to
represent average training squadron usage. These 1loads represented
manoeuvre, gust and ground cycle loading. Trials representing both student
and instructor flying were flown by four pilots in six missions covering full
fuel and half fuel load conditions. Flight manoeuvre test loads were derived
from these 24 flights. Gust loads were derived from flight data modified to
match the gust spectrum developed by Sherman /6/ and given in Table 9.2.
Ground cycle loads were developed from take-off, touch-and-go, and taxiing

load data recorded for bitumen and grass surfaces.

Five load spectra were used in the course of the test, truncated in each case
at +6g and ~2.5g, the 6g load being applied once per 144 test programmes. A
programme contained the complete set of load applications or "turning points"
incorporated in a spectrum and represented a number of flights each of which
was approximately equivalent to a one hour flight. The preliminary spectrum
consisted of 24 flights of 2733 turning points per programme, 36 of which were
applied representing 1414 service hours. This spectrum did not include gust,
rare loads or heavy undercarriage loads. Rare loads were incorporated in the
second spectrum which consisted of 76 flights of 6519 turning points per
programme . This spectrum was adjusted after two programmes to increase some
loads in the gust flights incorporated within the spectrum thus producing the

third spectrum which was applied for 89 programmes.

The fourth and major spectrum was produced when representative undercarriage
loads became available - the wing loads remained unchanged. The 76 flights
per programme were retained but the number of turning points was changed to
6248, This spectrum was applied for 516 programmes which with the other
spectra represented 25,463 gimulated service hours as required by the test

specification.
Following this test milestone the rate of fatigue damage accumulation was

increased by applying a more severe loading spectrum. This fifth spectrum

retained the same range but was reduced to 25 flights and increased to 171
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hours per programme. This spectrum was applied until port wing failure
occurred at 51,141 hours.
The test highlighted four main fatigue prone areas. All were in the
mainplane assembly shown in Fig. 9.6. The 5000 hour major inspection

revealed considerable fatigue damage in the port wing forward attachment
area. It was found by fractographic analysis that the two lowest bolts of
the attachment bracket failed at approximately 2500 hours. There was also
fatigue cracking in the inter-rib diaphragms and corner stiffening brackets as
depicted in Fig. 9.7. The corresponding area in the starboard wing was free
of damage and did not fail in this manner until 17,000 hours whereas the port

side required frequent bolt replacement throughout the test.

Skin cracking also appeared at 5000 hours in the starboard wing between ribs 5
and 6 on the compression surface as a result of skin buckling. These cracks
were repaired by a RAAF standard insert patch as shown in Fig. 9.8. Similar
cracking occurred at 6000 hours in the port wing in which repairs were made by
a bonded boron fibre patch. These two repair schemes were monitored
throughout the test, the boron fibre repair technique giving the best

performance.

In the early stages of the test, wing centre section spar cap rivets in the
vicinity of the wing root ribs began failing in fatigue. These were replaced
by HI~LOK pin fasteners in accordance with Royal New Zealand Air Force

practice and no further failures were experienced.

Final failure occurred at 51,141 simulated hours in the port wing main spar
tension boom assembly between ribs 1 and 2 as shown in Fig. 9.9. A
photograph of the failed boom is shown in Fig. 9.10. and a diagram showing the
crack initiation sites and the crack growth in the boom assembly is shown in

Fig. 9.11.

9.2.4 Vamirs - New RAAF Basic Traimer (G.E. Lawrence - AAC)

The Wamira is an Australian designed, two-place turbo-prop basic pilot
training aircraft to be built for the Royal Australian Air Force. It is to
replace the present fleet of CT4-A aircraft. Both side~by-side and tandem

variants are under development.

. - —
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The design requirements for the Wamira were identified in the 1983 ICAF Review
/1/. The structural design is to satisfy the durability and dama,: tolerance
requirements of MIL-STD-1530A. Damage tolerance principles and analysis
techniques have been employed to optimise the design of critical components

whilst maintaining minimum weight.

Constant amplitude coupon testing to generate crack growth rate data has been
completed for the materials being used in the manufacture of ecritical
components of the Wamira. A comprehensive spectrum loading coupon test
programme involving 200 specimens has begun. Thie programme will evaluate
five materials, five flight-by-flight spectra representing critical areas of
the Wamira and various levels of through stress and bearing stress.
Fractographic examination of the specimen failure surfaces will provide
calibration parameters for the compucterised crack growth model. The
calibrated crack growth mndel will then be used to establish design scress

levels for the aircraft structure.

Component tests of the wing front spar to fuselage lower attachment fitting
and tailplane main spar to fuselage attachment fitting are scheduied 7v begin
in March 1985.

The Wamira full-scale durability test is in the detailed planning stages with
testing due to start in 1986. It is anticipated that approximately twenty-
seven loading jacks will be used to apply representative manoeuvre and landing
loads to a complete trainer airframe. The flight-by-flight loading spectrum
to be used on the test is based on RAAF specified Nz and landing sinkspeed
exceedance requirements. Anticipated aircraft usage during pilot training

will be used to establish load and flight sequencing.

9.3 FATIGUE IN CIVIL AIRCRAFT (R.B. Douglas - DOA)

9.3.1 Partenavia P68 Series Aircraft

The Partenavia P68B Victor is a medium weight twin engine high wing monoplane,
a nuﬁber of which are used primarily in remote country operations within
Australia. These types of operations, often including high utilization from
unprepared runways, are considered to be one possible reason for fuselage
frame cracking which was recently found in a P68B aircraft. The cracking
occurred in the two main fuselage frames which distribute the concentrated

loads from the wing and the landing gear into the fuselage structure.

RS




i

9/10

The cracks were found in frame 8 and frame 9 at the landing gear girder truss
attachment bracket locations shown in Fig. 9.12. The starboard side of frame
8 had cracks between the outer attachment bracket holes, running from the
lower bolt hole to the frame radius in a downward and outward direction. The
crack continued along the radius for approximately 25 mm.  Similar cracking
was observed on the port side of frame 8, but in this case the crack stopped

at the frame radius. Cracking in frame 9 was similar but less severe.

For the last 1800 hours the aircraft had operated from dirt strips, averaging
3 flights per hour. After 1700 hours of this operation the elastomeric
cushions between the main landing gear leg and the girder were found
missing. This was rectified and the aircraft accumulated a further 100 hours
prior to detection of the frame cracks. It has been suggested that
inadequate damping of undercarriage ground 1loads could have been a
contributory cause. The frequent dirt strip operations would have

accelerated the onset of fatigue cracking.

The manufacturer has responded to the fuselage frame cracking by designing a
repair scheme which involves the installation of a doubler over the subject
area. This allows most of the undercarriage loads to be distributed away

from the cracked frame area and should alleviate any further problem.

While carrying out repairs to the wing of an accident~damaged Partenavia P68
aircraft, cracks were discovered in both front and rear spars. In each case
the cracks were located in the horizontal flange of the lower cap angles, at
the inboard end where the horizontal flange tapers in width to enable it to
pass through the wing-fusclage attachment. Fig. 9.13 shows the four front

spar sections as removed from the aircraftc.

Subsequent laboratory analysis /7/ revealed that the cracks were caused by
fatigue, the contributing factors being:

a. the abrupt change in section,

b. the sharp run-out radius at the end of the taper, and

c. the poor surface finish.

This is illustrated in Fig. 9.14.

The aircraft had completed 3356 hours time in service and an unknown number of

flights, whereas the manufacturer's fatigue life analysis had predicted a safe

life of 11,800 hours. Striation counting on one fracture surface showed that
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the crack had been propagating for at least 1200 flights. Fig 9.15 shows a

photo-mosaic of part of the fracture surface.

A fleet inspection was carried out and similar cracks were found in 25% of the
aircraft in Australia. Some of these affected aircraft had flown as little

as 2000 hours.

Details of the problem were passed to the manufacturer, who has since advised
that quality control procedures have been revised and that design changes are
in hand to reduce the stress concentration at the critical location in future
production aircraft. Inspection procedures and repair kits have been made

available for aircraft in service.

One puzzling aspect of this problem, in view of the proportion of the
Australian fleet affected, is that there have been no reports of similar

cracks found in aircraft operating in other countries.

9.3.2 Cessna Mndel 210 Tailplane Cracking
The Australian Department of Aviation has received a number of Defect Reports
concerning cracked Cessna Model 210 tailplane 1left hand rear spar
reinforcement brackets, Fig. 9.16. All the brackets were cracked in the same
location, along the bottom radius from left to right, and in the fore/aft
direction through the left hand countersunk screw hole, Fig. 9.17. In one
f case both the rear spar and doubler reinforcement making up the spar assembly
were found cracked at the flange bend radius immediately under the cracked
reinforcement bracket.

Another recent defect report indicated that the

doubler only was cracked.

Two of the cracked reinforcement brackets were subjected to fractographic
examination to determine modes of failure. The fracture surfaces showed
multiple crack origins, corrosion and fretting which is indicative of low load
amplitude, high cycle fatigue. One of the fracture surfaces is reproduced in

Fig. 9.18.

The manufacturer conducted an inflight and ground handling strain survey in an
attempt to determine the loading condition(s) causing the cracking. In
general, the stress levels were consigtently higher on the left-hand bracket,

, with higher stresses showing up in the cruise range. Another possible reason

i~ .




9/12

for the cracking is the vibratory loads induced on the tailplane by the

slipstream during engine run-up prior to take-off.

The defect history for the bracket has led to a redesign, and a welded steel
bracket now replaces the original aluminium component. To ensure the
continued airworthiness of aluminium brackets still in service, the
manufacturer has conducted a failsafe analysis to evaluate the effect of the
failure modes shown in Fig. 9.18. The area concerned is readily accessible

for a visual inspection.

9.3.3 Piper Aerostar 600 - Main Landing Gear Failures

Numerous reports have been received of failures in the main landing gear
scissors link in Piper 600 series Aerostar aircraft. Two cracked, and one
failed sample are illustrated in Fig. 9.19. Frequent repetitive dye

penetrant inspections of these parts have now been made mandatory.

Laboratory analysis /8/ has shown that cracks initiate in the fillet radii
ad jacent to the single lug. They then propagate by fatigue for a short
period until the link encounters a significant manoeuvreing or braking load
which causes it to fail, usually during the landing roll. Hence most of the

fracture surface is indicative of overload as shown in Fig. 9.20.

The primary problem appears to be one of inadequate static strength, as shown
by the relative proportions of the fatigue and overload zones. This explains
why failures have also occurred in the "improved" link, which is the same as

the earlier link except for an enlarged fillet radius.

It is the Department's view that failures will continue to occur until either

the lug thickness is increased, or the link is made from a stronger material.

9.3.4 Propeller Fatigue

During the period under review, propeller fatigue failures in General Aviation
aircraft have continued to occur as they have in past years, and have almost
come to be accepted as a statistical fact of life. The more "routine"
failures are those involving non-catastrophic loss of a blade tip from a
rapidly propagating fatigue crack initiating at a stone chip. Occasionally
there is a failure, fortunately rare, involving loss of a complete blade with

subsequent catastrophic results.

4
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One such failure which occurred recently was a hub failure in a McCauley model
D3A 32C90-1LM 3-bladed propeller fitted to a Cessna U206F aircraft, Fig.
9.21. The propeller had been in operation for 4987 hours since new, 1363
hours since overhaul and 30 hours since its last 100~hourly periodic
inspection. The failure initiated in & known fatigue critical location, in
the root of the internal thread which holds the blade retention nut. The

fracture surface is shown in Fig. 9.22.

Laboratory examination /9/ showed that the root of the sixth thread, where the
crack initiated, had a number of surface notches which appeared to be the
result of inadequate shot peening over a localised area, Fig. 9.23. The shot
peening coverage of the remainder of the hub was satisfactory and no other

material anomalies were observed.

The crack propagation rate was assessed using striation counting and assuming
that the major striations represented flight cycles. This work suggested
that the crack would have been detectable on the outside surface of the hub at
the last 100 hour inspection. It is possible that the presence of a self
adhesive decal fixed to the hub in the region of the failure, Fig. 9.21, may

have hindered detection of the crack.

Eddy current inspection of the remaining two blade sockets showed that one of
these also contained a crack indication in a similar location at the root of
the sixth thread. The crack was opened and examined and was also confirmed

ar, fatigue.

9.3.5 Helicopter Fatigue
During the past biennium, two unrelated helicopter fatigue defects occurred
which demonstrate the need for strict adherence to manufacturers' maintenance

and overhaul instructions.

The first of these involved a fatigue crack which was found in the skin of a
Bell 206B main rotor blade. The root end of the blade is reinforced by a
number of overlying bonded finger doublers, Fig. 9.24. Should disbonds occur
under the end of a doubler, the standard repair scheme is to trim up to 50 mm
from the end of the doubler. However, the repair is rather delicate in that
great care is required to prevent inadvertent tool damage to the underlying

skin. This point is emphasised strongly in the manufacturer's repair and

overhaul instructions, and also in operational safety notices.

".
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Laboratory examination /10/ of the cracked blade clearly showed that the crack
had originated in an area where the skin had been damaged during such a repair
operation. The crack occurred some 433 hours time in service after the
repair, at a blade total time of 5620 hours. Fig. 9.25 shows a close-up view
of the crack, while Fig. 9.26 shows the fracture surface and the reduced skin
thickness. In this instance the crack was found and the blade removed from
service before the crack progressed into the blade spar; however, there have
been instances overseas where catastrophic blade failure in flight has

occurred from this cause.

The second case involved the in-flight failure of an eye bolt end in a Hiller
UH-12E helicopter. The shank of the bolt is the attachment point for the
main rotor blade tension/torsion strap, whilst the eye end which failed is the
attachment for the inboard end of the drag link. It failed after about 600
hours time in service, and it is worth noting that the mandatory fatigue
retirement life is 640 hours. Laboratory examination /11/ showed a fatigue
failure initiating from multiple origins at corrosion pits in the bore of the
eye end. The presence of the corrosion, fretting and wear which can be seen
in Figs 9.27 and 9.28, and the absence of any traces of red dye, indicated
that the prescribed maintenance which included periodic (150-hourly)

lubrication and dye penetrant inspection, had not been carried out.

As with many other failures in the past, these two occurrences once again show
that complacency, or non-observance of correct procedures, can lead to
unanticipated fatigue failures and that economy-motivated short cuts can have

expensive consequences - particularly with helicopters.

9.3.6 Bell Model 212 Lift Link Fitting Cracking

A defect report was recently received from an Australian offshore charter
operator concerning failure of a lift link lower attachment fitting lug on a
Bell Model 212 helicopter. The lift link transfers the main rotor lift loads
into a fuselage bulkhead, Fig. 9.29. This is the first reported occurrence
of such a failure in Australia, although there have been reports of cracking

of the lift link upper attachment fitting itself.

The defect was discovered during a pre-flight inspection. The fact that the
lug was found completely failed is causing some concern at this stage. It

appears that the corner cracking which occurred in this defect was not

amenable to visual inspection prior to final failure.

R - -
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The fitting is currently being subjected to a complete fractographic
analysis, Preliminary results from the examination of wear patterns on the
inside surface of the 1lugs indicate a possible 1lift link misalignment
problem. The subsequent fretting between the flange of the steel bush insert
and the hole of the lug is a possible cause of crack initiation, since at this
stage no evidence of any manufacturing defects or corrosion has been
discovered near the crack origin. The fracture surface shows a regular
pattern of striations possibly indicative of the major flight cycle, Fig.
9.30. Finer striation markings are also evident between the major

markings. An inspection of the lead time Australian Bell 212 did not reveal

any similar cracking. The investigation is still in progress.

9.3.7 Fatigue of Fibre Reinforced Plastic Gliders

In the 1983 review /1/ mention was made of a proposal to carry out a full
scale fatigue test on a 'Janus' glass fibre reinforced wing. This project is
proceeding, albeit slowly. The test specimen comprises one brand new wing,
which has an extensive array of strain gauges installed during manufacture,
and one wing which was repaired after severe accident damage, to try and

assess the long-term effect of major repairs to FRP structures.

Much has been done since the proposal was first initiated, but there have been
delays. Design of the test rig could not be finalised until the load
distribution could be established with confidence, but the rig has now been
designed and construction begun. The load controller and hydraulic equipment

have also been procured.

Flight testing is proceeding and flight loads, load distribution and strain
data have been accrued in training, pleasure and competitive flying. The

test is scheduled to begin running by June 1985.

9.4 FALTIGUE DAMAGED STRUCTURE: DETECTION, ANALYSIS AND REPAIR
9.4.1 Mirage Patigue Life Extension Programme (J.Y. Mann - ARL)

In the 1981 and 1983 Australian ICAF Reviews details were given of an
extensive investigation on small specimens representing the rear and froat
flanges of the main spar of the Mirage IIl wing. This testing programme was
carried out to develop refurbishment techniques which would allow the fatigue
life of that particular part of the structure to be extended to meet a new

life-of-type requirement. The results of this investigation have been

published in a number of ARL reports /12-16/ and other publications /17,18/.
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Fractographic investigations on the thick (32 mm) specimens provided a
considerable amount of information relating to variability in fatigue crack
initiation and propagation /15/. A good linear relationship was found
between the log. life and log. crack depth for individual specimens, Fig.
9.31. At the smallest crack depth used for analysis (0.3 mm) no significant
differences were found between the standard deviations of log. life to crack
initiation, for crack propagation or to final failure, nor 1in the
corresponding standard deviations of arithmetic lives. However, in
considering the more general question of whether the greater contribution to
variability in total life comes from that in initiation life or that in
propagation life, it was shown that cognizance must be taken of the analytical
basis of the assessment - whether arithmetic or logarithmic, Fig. 9.32,. On
an arithmetic basis the standard deviation of life to the formation of the
crack increases with increasing crack depth, whereas on a logarithmic basis it
decreases. The converse applies in each case for the wvariability in
propagation 1lives. On an arithmetic basis the standard deviation of the
crack propagation rate increases with crack depth, Fig. 9.33(b), that at a
depth of 5 mm being about seven times that at a crack depth of 0.5 mm. On
the other hand, the standard deviation of log. crack propagation rate is

substantially constant irrespective of crack depth.

Refurbishment of the main spar by the insertion of interference-fit steel
bushes was adopted for 89 wings in the RAAF Mirage III fleet. However, some
wings could not be refurbished by this method because fatigue cracks at the
bolt holes were larger than the limits which had been defined, and the edge
distance of an adjacent rivet hole was less than the minimum specified for
satisfactory refurbishment. During the past two years supplementary
investigations have been carried out to explore methods for providing a
further increase in life of the main spar. These have included specific
tests relating to the rivet holes, and tests involving a redesigned section at

the critical part of the sgpar.

(1) Rivet holes. Fatigue tests were carried out on simple single-hole and
twin-hole specimens in which the holes were treated in a number of ways
including cold-expansion and the installation of adhesively-bonded rivets.
Although cold-expansion provided a 40X increase in life compared to open
reamed holes, the fatigue lives of specimens with adhesively-bonded rivets
were about 2.5 times those with open holes /19/. A finite-element analysis

showed that adhesive-bonding significantly reduces both the local stress
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concentration at the hole and stress intensities at the crack tips, thus
retarding crack initiation and reducing crack propagation rates.
Fractographic investigations confirmed that the crack propagation r-tes in
adhesively-bonded rivet specimens were only about half those in specimens with

open holes, Fig. 9.34.

Additional tests on large rear flange specimens identical to those used
previously but incorporating adhesively-bonded rivets in the single leg anchor
nut (SLAN) rivet holes did not indicate such an increase in life. Although
the increase was useful it was only about 302 more than that of specimens with
open SLAN rivet holes. Tests were also carried out on large rear flange
specimens which incorporated interference-fit steel pins in the SLAN rivet
holes. These indicated fatigue lives more than double those of specimens

with open SLAN rivet holes.

(ii) Redesigned Mirage spars. The redesign involved an increase in section
thickness and an increase in width of the flange (which allowed an increase in
the edge distance of the bolt holes), together with the elimination of all
rivet holes in the critical area of the flange. Two groups of specimens were
tested, namely those in which the bolt holes were cold-expanded using the
Boeing process, and those in which interference~fit bushes were fitted in the
bolt holes. The log. average fatigue lives of the r._.evant groups of

specimens were as follows:

Original design of spar: 6200 flights

Original design, bolt holes bushed, SLAN rivet

holes empty: 9200 flights

Original design, bolt holes bushed, SLAN holes

bonded rivets: 12100 flights
Original design, bolt holes bushed, SLAN holes

interference pins: 15100 flights
Redesign, cold-expanded bolt holes: 53300 flights
Redesign, interference-bushed bolt holes: 43100 flights.

The difference between the last two conditions probably reflects the change in
nett-section resulting from the incorporation of an 1l =m outside diameter

bush at the first bolt hole instead of an 8 mm diameter bolt.
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9.4.2 Patigue Life Enhancement Fastener Programme (J.Y. Mann, G.S. Jost,
R. Jones - ARL)

Fastener holes are a primary source of fatigue cracking in aircraft
structures. Increasing demands to extend the service lives of structures
past those originally designed for, and the continuing quest for minimum
structural weight to improve aircraft performance, have resulted in the
development of specific fatigue-life-ehancement systems for holes in
structural joints /20/. Most of these systems are based on the premise that
a reduction in the severity of the localised fatigue loadings will increase

life.

A general review /21/ has been made of the stress fields associated with holes
containing interference-fit fasteners and holes cold-expanded to provide
beneficial residual stress fields. This revealed significant shortcomings in
some models used to predict residual stress fields and little experimental
evidence to verify predicted stress fields. Similarly, little appears to be
known of residual stresses around holes in thick sections. The review has
provided the base for several studies begun in the past biennium aimed at

resolving some of the above uncertainties.

The case of an elastic interference-fit disc near the free edge of a semi-
infinite plate has been studied analytically using the concept of a
pressurized hole /22/. For the same geometry, the exact elastic solutioms
for stress and displacement for a bonded interference-fit disc of the same
material have been evaluated /23/, Fig. 9.35, and compared with the earlier
solution /24/. The conditions leading to the initiation of yielding with and
without remote loading have also been determined /25/. Finite element
predictions of stress and strain for a large plate containing two closely

spaced interference-fitted holes have been compared with experimental data
/26/.

Finite element analysis is also being used in a numerical study simulating the
cold-expansion process. In the first phase, a hole in a large plate having
the characteristics of an aluminium alloy is being expanded incrementally up
to 52 of diameter. Incremental unloading will follow. Subsequently, the
influences of neat-fit and interference-fit pins together with pin and remote

loading combinations are to be investigated.
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In another investigation, a penalty element method for the stress analysis of
interference-fit pin and cold-expanded holes has been developed /27/. The
method is applicable to both two- and three-dimensional problems, and was used
to examine stress and displacement fields through the thickness of a finite
thickness plate. A full three-dimensional, elastic-plastic, finite element
analysis was carried out for a hole expansion of 0.5% in a circular aluminium
alloy plate 40 mm in diameter, 12.5 mm thick containing an 8 mm diameter
hole. Because of axisymmetry, only a small sector required examination.
The free-surface displacement profile shown in Fig. 9.36 suggests that, for
thick plates, three-dimensional analysis may well be necessary for the

accurate estimation of stress and strain fields in practice.

Recent experimental work has shown that adhesively-bonded inserts can
significantly increase the fatigue life of fastener holes. In /28/ attention
is focussed on developing an understanding of the mechanism responsible for
the observed increase in life. It is shown that the stress concentration
factor at an uncracked hole and the stress intensity factor for a cracked hole
are significantly reduced if the hole contains a bonded rivet, Fig. 9.37, or a
steel sleeve. Further, as crack length increases, the solution for a single-
cracked hole containing a bonded insert of the same material approaches that

for the crack alone, ie. with no hole in the specimen.

The next stage in this project will comprise a three-dimensional numerical and
experimental investigation into the repair of a quadrant crack emanating from

a fastener hole.

9.4.3 Experimental Stress Measurement (J.G. Sparrow - ARL)

The Aeronautical Research Laboratories have recently taken delivery of a SPATE
8000 Thermoelastic stress analyser. This instrument, developed and marketed
by Ometron Ltd in the UK, provides a measurement of alternating stress fields
(sum of principal stresses) for its monitoring of the cyclic temperature
changes. These temperature changes are calculated from the measured 10 - 14
micron infrared emission band, and SPATE is therefore able to achieve a
resolution down to a dimension of about 0.5 mm and sensitivity of the order of
400 kPa (60 psi) for aluminium. The load frequency range of operation is 0.5
Hz to 20 kHz.

The SPATE 8000 instrument makes possible a degree of speed and versatility for

the measurement of cyclic stresses not otherwise available. It is proposed
b e T ST T T Tt
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to deploy the instrument on a number of projects including studies of methods
of fatigue 1life enhancement of bolt holes, stress mapping of complex
geometries, intercomparison with finite element analyses and crack initiation
investigations. Measurements on both metallic and composite material

specimens are planned.

Work is continuing on research into the use of ultrasonic shear wave
birefringence as a means of measuring residual stresses. The programme is
currently concerned with an evaluation of three proposed wmethods for

separating the effects of stress and texture on the vltrasonic velocity.

Instrumentation is being developed for the automatic recording of in-plane
Moire fringe patterns using a technique based on digital recording of a solid
state camera output. Software for automatic analysis into strain contours is
being written. Initially this method will be applied to the measurement of
strain fields around cold-expanded bolt holes. Photoelastic coatings applied
to both entry and exit sides of a specimen prior to cold working of the hole
with the split sleeve method allows comparison of the two stress fields.
This has shown an asymmetry in the stress field adjacent to the split in the
sleeve, particularly on the side from which the cold working mandrel entered,

Fig. 9.38.

The standard blind hole drilling method of measuring residual stresses is
applicable only to strain fields uniform with depth /29/. A study has begun
to assess whether the method c¢an be extended to enable quantitative
determination of shallow stress fields which vary with depth. Measurements
using an ultra high speed drill will be compared with predictions from a

finite element analysis.

9.4.5 PFatigue Crack Growth Prediction (J.M. Finney - ARL)

To assure the safe operation of Australia's Mirage aircraft is has been
necessary to make predictions of crack growth in fuselage frame 26 which
contains the main attachments for the delta wings. For this purpose
constant- and variable-amplitude fatigue crack growth data have been obtained
for A7-U4SG-T651 (2214) aluminium alloy enabling calibration of computer
models for predicting crack growth in frame 26 /30/. The constant-amplitude
data were obtained at three R-values using centre-cracked-tension {CCT)

specimens of 5 mm and 2( am thickness. The 20 mm—thick specimen data are

shown in Fig. 9.39; the 5 mm-thick specimen results were similar.
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The variable-amplitude tests were made on both CCT specimens and specimens
simulating two regions of frame 26 of the Mirage fuselage. The simulation
specimen configurations are given in Figs 9.40 and 9.41. The sequence was
derived from that used by the Swiss Federal Aircraft Factory (F+W) at Emmen,
for testing Mirage III aircraft. Additional variable-amplitude tests were

made using a RAAF 'all-time-average' sequence for Mirage aircraft.

The crack growth prediction program CRACKS IV was used with the constant- and

F+W variable-amplitude crack growth data from CCT specimens to calibrate

various crack growth models. In particular, the four retardation models
contained in CRACKS IV were examined - Wheeler, Willenborg, modified
Willenborg and Crack Closure. Calibration of the Wheeler exponent, m, was

achieved by comparing the experimental crack growth curve, using CCT
specimens, with the curves predicted using various m-values, as shown in Fig.

9.42. The results for the 20 mm thick specimens were:

Stress (MPa)/g m-value
17.98 1.50
13.33 0.75

As found by others, /31/, the Wheeler exponent is stress level dependent, but
the dependence can be accounted for with a number of calibration tests, Fig.
9.43. A similar stress level dependence of the modified Willenborg shut-off

ratio, S, was found, the results in this case being:

Stress (MPa)/g S-value
17.98 2.2
13.33 3.0

No attempt was made to calibrate the six parameters of the Crack Closure model

/32/ and published values for 2024-T3 were used.

Crack growth in the frame-bottom simulation specimen was predicted for the F+W
sequence using a Wheeler exponent of 4.2 obtained from the calibration above,
and good agreement was obtained with the experimental result. Prediction of
the hole-18 test result using Wheeler however revealed a discrepancy by a
factor of about eight. Crack growth was predicted for the CCT specimen
tested under the RAAF 'all-time-average' sequence using the four retardation
models and the results are shown in Fig. 9.44. Reasonable predictions are

made by the Wheeler and modified Willenborg models only. These two models
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were then used to predict crack growth in a frame-bottom simulation specimen

and a very poor result was obtained, Fig. 9.45.

The following conclusions can be drawn from these results:

1. Of the four retardation models considered, the Wheeler and modified
Willenborg models are the most satisfactory.

2. When the loading sequence and specimen geometry are different from those
used in calibrating the retardation models, none of the models yield
accurate predictions.

3. Crack growth life in aircraft structures may not be confidently predicted
to better than a factor of two on actual life and, in some cases, the

factor may be as high as ten.

9.4.5 Crack Closure and the Growth of Defects in Fatigue (J.Q. Clayton -
ARL)

A theoretical study, wusing the Dugdale Model, has been initiated to
investigate crack closure at small defects /33/. At such defects the crack
closure process is cowmplicated because the particular form of contact is not
constant, as in steady-state fatigue, but changes as the defect grows. As a
consequence, the crack-opening load (or stress intensity) is found to increase
with crack length until the steady-state condition is reached. This crack
length would appear to represent the point beyond which conventional linear

elastic fracture mechanics analysis can be reliably applied.

A related study, again employing the Dugdale Model, is being undertaken to
investigate the role of material thickness in fatigue. Since this model
normally provides, at best, a two-dimensional model of the fatigue process, a
further variable, representing the constraint developed in a particular
material thickness, has been introduced. This approach is being used in an
attempt to describe the retardation due to overloads in aluminium alloy test

pieces of differing thicknesses.

9.4.6 Analysis and NDI of a Failed Helicopter Drive Pinion (N.T. Goldsmith -
ARL)

Following the failure of the power input pinion (a spiral bevel gear) from a

Westland Wessex helicopter in service, which resulted in the loss of the

aircraft, an investigation into the growth of the critical fatigue crack was

undertaken. This was done to provide an initial estimate of a safe

inspection interval, and to develop a crack growth model to predict the growth
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of the fatigue crack from the initiating defect under a realistic load

spectrum,

The fatigue crack in the gear, Fig. 9.46, initiated from a surface-breaking
inclusion in the tooth root, then grew along the length of the root while
slowly increasing in depth, finally penetrating the wall of the hollow
gear. The crack then grew around the base of the gear, where the gear boss
attached to the gear shaft, eventually separating when some three quarters of
the base was cracked. The gear boss was then thrown from the gearbox by the
crown wheel, smashing through the casing and the flight control mechanisms,

resulting in loss of pilot control and loss of the aircraft.

As a precaution following this service failure, new pinions were installed in
each gearbox throughout the fleet. Each new pinion was inspected prior to
installation, as were those removed from service, using fluorescent magnetic
particle 1inspection designed to concentrate on the critical tooth root
area. In addition, a subsequent microscopic examination was made of any
suspect location. Only one defective pinion was found during this inspection

programme, and that has been returned to the manufacturer for independent

assessment .

The first estimate of the crack growth rate was based on the spacing of crack
propagation markings, Fig. 9.47, where they were still visible, on the
undamaged parts of the fracture surface. Experience with fatigue cracks has
shown that, in general, so long as the crack shape remains geometrically
similar, then a plot of log crack depth or area versus cycles is essentially
linear. Taking this behaviour as a working hypothesis, it then becomes
possible to construct a crack growth curve, plotting data points were they are
available, and "filling in the gaps' by joining each discontinuity with smooth
joining lines, the desired result being a '"smooth curve". When the crack
changes shape however, usually because of the changing geometry of the
component through which the crack is growing, the slope of the crack growth
curve is also likely to change. By careful consideration of the changes of
the crack shape in the gear, together with the results from the measurement of
the progression markings, a crack growth curve was produced which covered the
latter stages of the life of the crack, Fig. 9.48. The early part of the
crack growth showed no progesssion markings or fatigue striations, the

surfaces having been well polished by the working together of the crack faces.
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These gearboxes are being monitored in service with a vibration analysis
technique, and recordings make of the failed gearbox (before failure) were
afterwards subjected to analysis directed at picking out any unusual features
in the power spectrum of the power input pinion. The results indicate that a
crack may have been detectable by this means some 30 hours before failure and
may have just possibly have been detectable some 100 hours before failure -

these findings are wholly consistent with the fractographic analysis.

The second part of the investigation is current, and requires adequate data
for the purpose of successfully modelling the crack growth in the complex
stress field in the gear. The sources of this complexity are:

1. The residual stress distribution produced by the carburised case of the
gear and its heat treatment condition.

2. Any modification of this stress distribution produced by the final
machining of the gear.

3. The stress distribution superimposed upon the residual stress by the
applied load, a combination of shear and bending, complicated by the
sliding friction loads developed in spiral bevel gears.

4, The interaction of the initiating defect geometry with the stresses
present to produce a stress-intensity factor.

5. The interaction of the crack geometry with the stress field to produce a
crack having the observed shape.

6. Obtaining data for crack growth in the bevel gear material, 1in the
various conditions, ie. through the case to the core.

7. Obtaining data for the rapid tearing growth which occurred during the
latter part of the crack developmeunt.

8. Assembling all of these factors into a model which successfully predicts

the crack shape and growth rate, where this is known.

The pavameters which affect the shape of the crack as it develops from the
initiating defect have been explored, and found to depend strongly upon the
stress distribution through the depth of the gear wall in the tooth root.
The work is continuing using a finite element model of the stress distribution
in the tooth root which will, it 1is hoped, produce a more accurate

representation of the stress distribution.

9.4.7 Load Cycle Reconstitution (J.M. Finney - ARL)

Crack growth accelerations and retardations are significant and widely-

researched phenomena and they lead to an expectation that the method of
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reconstituting a load sequence will have a substantial effect on crack growth
life. An experimental program is well advanced to determine the range of
crack growth lives that may be obtained by reconstitution. There is no doubt
that quite arbitrary sequences, eg. a single overload in an otherwise
constant-amplitude pattern, can give rise to a large range of lives depending
on the methods of counting and reconstituting cycles and the relative program
length. The experiments below, however, have explored reconstitution of a
flight-by-flight fighter sequence and used specimens representative of a wing
spar. The flight-by-flight sequence, comprising 500 flights and 109,000
turning points, was that used in a full-scale test of a Mirage wing. The
sequence was counted using the range-pair technique and all reconstitutioms

yielded the same range-pair table, Table 9.3.

Four reconstitutions were developed, two promoting crack growth acceleration
(denoted Al, A2) and two promoting retardation (Rl, R2). Al followed the
simple acceleration principle - precede the largest loads with the smallest
loads. This was achieved by following successive diagonals of the range-pair
table, each of constant load range but decreasing mean load, commencing with
the highest peak and tough. The simple retardation sequence, Rl, was the
reverse of Al, The second acceleration sequence, A2, was a development of Al
and utilized additional features:

i. randomise or continuously fluctuate successive load levels.

ii. follow immediately the largest positive peaks with a negative trough.
iii. gradually reduce successive peaks following the largest peaks.

Items ii. and iii. above reduce crack growth retardation.

Sequence R2 made use of the following features for retarding crack growth:

i. follow the largest peak in the sequence with all peaks expected to give
no subsequent crack growth, ie. wutilise the phenomenon of crack arrest.

ii. after the application of a large peak load, take account of the
phenomenon of delayed retardation in order to minimize subsequent growth
rates.

iii. apply multiple rather than single large-peak loads to enhance the amount

of retardation.

A minimum of five specimens simulating an area of the rear flange of the
Mirage wing main spar, were tested under the original flight-by-flight

sequence and the four reconstituted sequences noted above. Average lives are

listed in Table 9.4; there is no significant difference between the means or
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the variances of log. total 1life of the five sequences examined.
Fractographic analysis is proceeding to establish whether this conclusion

applies also to crack growth life.

Centre-cracked-tension specimens have been tested under sequences A2 and RZ to
ascertain whether the lack of sequence effect obtained with the simulation
specimens is dependent on either geometry or stress level. The results are
presented in Fig. 9.49 and average best-fit curves are indicated for both
sequences., At a stress level of 11.0 MPa/g covering lives up to about 40
programmes (20,000 flights), there is no significant difference between the
average crack growth curves. At 17.0 MPa/g, covering lives up to about 10
programmes (5000 flights), retardation sequence R2 gives significantly faster
crack growth than acceleration sequence AZ2. The difference however is small

- less than 15%.

The general conclusion from this study that fatigue life (and crack growth
life in particular) is little affected by the details of reconstitution is
encouraging and a fortunate one for aircraft fatigue load recorders, most of
which delete time information. It is also important in crack growth
prediction. A final series of tests to establish whether random
reconstitutions give the same crack growth behaviour as the extreme

reconstitutions used above is underway.

9.4.8 Composites in Aircraft Structures (B.C. Hoskin, R. Jones - ARL)
9.4.8.1 Box beam investigation

Preparations are well underway for a fatigue test on a 2.5 m long box-beam
specimen comprising a 56-ply XAS/914 graphite/epoxy skin (28 plies at 0°, 28
plies at + 45°) attached by titanium fasteners to an aluminium alloy sub-
structure, Fig. 9.50. The main aim of the test is to examine the growth of
barely visible impact damage that will be inserted in the composite skin prior
to test. The specimen was manufactured for ARL by British Aerospace, Warton,
K. The load spectrum will be derived from FALSTAFF Mission 2 by removal of
a substantial number of low loads. Initially, the test will be conducted in
the ambient environment but later it is intended to include the effects of
moisture absorption and temperature excursions, representative, as far as is

possible, of supersonic fighter usage.
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9.4.8.2 Damage tolerance of composites
Tests and analyses performed at ARL and RAE Farnborough /34,35/ have led to a

new hypothesis concerning impact damage of composites viz:

"A stage is reached after which any further significant increase in
impact damage does not result in a significant decrease in residual

strength”.

The analytical tools developed to predict failure are based on fracture
mechanics principles and rely heavily on the finite element method. An
advanced super-element has been specifically developed for this problem /36/
and a detailed review of the effects of delamination damage can be found in

/37/.

9.4.8.3 Repair of thick sections

A detailed design study has been completed into the repair of surface flaws in
thick aluminium alloy components (typically of the order of 12mm) using boron
epoxy patches /38/. The analysis predicts substantial increases in fatigue
life. This has been confirmed by a series of laboratory tests undertaken on
11 mm thick x 108 mm wide x 300 mm long 2024-T4 specimens containing a 37 mm
long surface crack 6 mm deep. The unpatched specimens sustained on average
approximately 25,000 cycles at 5 + 5 ksi whilst the patched specimen survived
more than 700,000 cycles at the same stress level and more than 11,000 cycles

at 10 + 10 ksi.

9.4.9 Crack Patching Technology (A.A. Baker - ARL)

Several developments have been made with crack patching technology, as
described in Australian ICAF reviews since 1977. The repair procedure /39/
involves the use of unidirectional boron/epoxy composite patches which are
adhesively bonded over the cracked region, thereby reducing stress-intensity
and slowing down or preventing further crack growth. Aspects descrihed below
are (i) development of improved patch application procedures, ard (ii)

evaluation of patching design allowables.

9.4.9.1 Development of minimum patch application procedures and processes
Ideally, for several reasons including ease of field application, the
adhesives used for crack patching should cure at relatively low temperatures

and pressures and provide a high level of bond strength and durability

following a simple surface treatment of the bonding surface. Since previous
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studies had established the superiority of epoxy-nitrile type film adhesives
for patching - particularly for high stress applications, further work was
undertaken to establish (i) minimum cure temperatures and times, and (ii)

minimum surface-treatments,

minimum adhesive cure temperatures /40/

Studies were made to assess the minimum temperature at which useful cure of
the adhesive AF126 could be achieved and, in addition, some tests were also
performed on adhesive FM73. Both adhesives are nitrile-rubber modified
epoxies for which the recommended cure time is 1 hr at 120°C under a pressure
of 0.3 MPa. FM73 is a state-of-the—art adhesive with improved storage life
under refrigeration and increased working life at ambient temperature compared
to AF126. In part, the improvement results from the increased resistance of

FM73 to hydrolysis in the presence of atmospheric moisture.

The level of cure was assessed using infrared spectroscopy to follow the
progress of the cure reaction. Spectra were run at intervals on a sample
mounted in the spectrometer in an assembly. The disappearance of the epoxy
band (915cm™!) is taken as an indication of apparent cure. The results of
this experiment !':ad to the minimum effective cure times listed in
Table 9.5. The rate of reaction of FM73 differs from AF126 because the two

systems contain different curing agents.

Finally, tension tests were performed on single overlap specimens made with
these adhesives. The results for tests performed at 20°C or 80°C, listed in
Table 9.6, show that for cure times consistent with Table 9.5 only a small
penalty appears to be incurred by use of the low cure temperatures. It is of
interest to note the fairly poor result at elevated temperature for the
8h/80°C cure of AF126 where 25-30% of the epoxide groups should have been

unreacted.

minimum surface-treatment and adhesive cure conditions /41/
Studies were aimed at evaluating (a) the influence of reduced cure temperature
on bond durability, and (b) use of silane to improve bond durability and to

simplify surface-treatment procedures.

Silanes are extensively employed as coupling agents (or primers) to improve

the durability of bonds between adhesives and inorganics such as glass or
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metals. Briefly, the silane molecule, on hydration in water, can be

represented by the following simplified formula

The Sl(OH)3 group is thought to react with the surface of the inorganic to
form a strong covalent bond leaving the organofunctional group, represented by
R, free to react with the adhesive during its subsequent cure; thus R must be
a group which is chemically compatible with the particular adhesive
employed. The silane used to promote bonding of epoxy adhesives to aluminium
is usually V-glycidoxypropyl-trimethoxysilane (V-GPS) in which R is an epoxy
grouping which is compatible with epoxy adhesives. In the present study
Union Carbide silane A-187 ( }'- APS) was evaluated on clad 2024-T3 prepared
either by phosphoric acid gel anodising or by grit-blasting. Adhesives AF126
or FM73 were used to form Boeing wedge-test specimens and were cured at 80°C,
100°C or the standard 120°C, under either mechanical pressure or vacuum bag
conditions. The results on these specimens are provided in Table 9.7. Low
crack growth in the adhesive during the wedge test is the main indication of

high bond durability.

The results for AFl126 show that, for surface-treatment by the phosphoric acid
gel anodising procedure, durability is good with the 100°C and 120°C cure but
shows a significant reduction at 80°c, As noted previously, durability is
very poor when grit-blasting alone is employed for the surface-treatment.
Use of the silane primer, however, appears to be highly beneficial,
particularly with the specimens surface-treated by grit-blasting. FM73,
compared to AFl126, appears to provide a reduced level of durability with
phosphoric acid gel anodise, particularly at the lower cure temperatures.
However, the improvement gained by using the silane primer with either

surface-treatment is quite dramatic.

From these results it appears that adhesives FM73, and possibly AF126, will
provide excellent durability with an 80°C cure following surface treatment of

the metallic adherends by grit-blasting and a silane primer.

9.4.9.2 Evaluation of patching design allowables /42/
The three basic requirements to avoid patch failure in crack-patching are that

(a) the strain capability of the reinforcement should not be exceeded, (b) the

shear stress or strain capability of the adhesive system (for adhesive or

J
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cohesive failure - whichever is the lowest) should not be exceeded, and (c)
the length of the patch must be sufficient to allow development of a full
elastic trough in the adhesive layer. Aspects (a) and (b) are presently
under investigation, the aim being to obtain allowable values, ir the case of
the adhesive, for representative environmental and temperature conditions.

Some studies on the adhesive are briefly described here.

Studies at ambient conditions have been performed on the elemental joint
specimen, Figs 9.51(a) and (b). The main measurement is of opening A versus
cycles N at constant tension/zero cycling to peak load intensity - load per
unit width (2F). Allowing for the strain in the reinforcement over length h,
the displacement & (directly related to the shear strain } in the adhesive,
through } = $/2¢t ) can be determined from A. Figure 9.52 shows the results
of & versus N for a boron/epoxy reinforced specimen tested at two levels of
(2F). At the relatively low loading frequency used, considerable creep bc
occurs, and permanent damage occurs, as indicated by the divergence of the
curves for bc and 6T‘ Although the divergence between the curves could be
explained as cracking of average length a* in the adhesive, optical microscopy
revealed no gross cracking. Thus, it is conjectured that the damage may take
the fotm of crazing or more subtle deterioration of the polymer structure -
futther‘studies employing electron microscopy are in progress to clarify this

aspect.

If the apparent crack size a* is plotted against N, Fig. 9.53, straight line
relationships result. This behaviour is consistent with the constant G
predicted for disbond growth in this joint configuration. It is also noted
that similar specimens with aluminium outer adherends appear to be much more
resistant to damage in the adhesive layer - probably due to the absence of

residual stresses in this case.

From the preliminary data obtained to date, it is tentatively concluded that
for the AF126 adhesive system a value of 0.2 be taken for the allowable peak

shear strain under ambient conditions to avoid excessive fatigue damage.

9.4.9.3 Stress analysis of double overlap fatigue specimen /43/
A finite element analysis of the elemental joint specimen shown in Figs 9.51
(also called the double overlap fatigue specimen, DOFS) has revealed that the

approximate one-dimensional theory used in the past is inaccurate in the

———————— . e e n—— e e e
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vicinity of the crack (ie. the gap in the specimen) and that a two-

dimensional analysis of the joint configuration is required.

A particularly significant finding is that fibre and adhesive stresses are
strongly dependent on gap size: in the specimen the gap size should therefore

be as small as possible to simulate accurately a patched crack.

9.5 FATIGUE LOADS, LIFE MONITORING AND ASSESSMENT
9.5.1 Atmospheric Turbulence and a New Innovation to the Aircraft

Meteorological Data Relay (AMDAR) System (D.J. Sherman - ARL)

AMDAR is a system of measuring wind speed, wind direction, air temperature and
an indicator of turbulence from INS equipped aircraft in flight. These data

are transmitted by radio to the meteorological data system.

The prototype AMDAR system was developed during the mid 1970's and used
primarily the ASDAR transmission system to relay the data at hourly intervals
through meteorological satellites. A later variant, which is presently being
implemented in Australia, uses the ACARS relay through the ARINC or the

SITA/AIRCOM networks to relay the data at much more frequent intervals.

The early AMDAR system did not report any indication of turbulence. After
some years of experience with the prototype system /44/ it has become apparent f
that certain additional features are desirable. One of these is the ability
to report turbulence in addition to wind velocity. The basic indicator of
turbulence is the vertical acceleration of the aircraft measured at (or near)
the centre of gravity, and an early proposal was to report a turbulence
parameter generated from accelerometer data and formatted according to a
slight modification of the ICAO (1970) recommendations for PIREPS. In this
proposal turbulence was simply divided into four categories depending on the

aircraft vertical acceleration:

MEASURED PEAK TURBULENCE
ACCELERATION CATEGORY
DEVIATION
0g - 0.2g Nil
0.2g - 0.5g Light
0.5g - 1.0g Heavy
Over 1.0g Severe
4
4
Ty T T T T T : ‘
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It is recognised, however, that this categorisation was chosen for PIREPS
because of limitations on the time and amount of information available to a
pilot making a report. A computerised data acquisition system is capable of

reporting a much more sophisticated index of turbulence.

One of the problems of using aircraft accleration alone as a wmeasure of
turbulence is that a given gust in the atmosphere will cause different
accelerations to different aircraft. To a first order of approximation, the
vertical acceleration of an aircraft varies directly with airspeed and
inversely with weight, A simple measure of the severity of the actual
atmospheric gust strength can be calculated from the parameters available on
the aircraft's integrated data system. This measure is the ''derived
equivalent gust velocity'", which is to be used in the new Australian

implementation /45/.

When turbulence is reported in terms of derived equivalent gust velocity it is
possible to use the data to prepare a climatology of turbulence. (Each
report is archived and includes the latitude, longitude and altitude at the
time of transmission - a sample of the proposed output format is shown in Fig.
9.54). The AMDAR/ACARS system is being fitted to Boeing 767 aircraft of a

local airline, Ansett Airlines of Australia.
The derived equivalent gust velocity is computed from the formula

Uge = A(m/Vc) An

where m is the aircraft mass in metric tonnes, v, is the calibrated air speed
in knots, An is the increment in the aircraft acceleration, measured in units
of g, and Uy, is reported in tenths of m/s. For a typical height/mach number

profile A is a function of height H(kft) and aircraft mass m given by
A =18 + [300/(30 + H)][(3/8 + 5/8 x 100/m)]

Severe turbulence corresponds to derived equivalent gust velocities in excess

of 9 m/s.

9.5.2 Safe Operation of Cracked Structure (J.M. Grandage - ARL)

Existing airworthiness requirements for military aircraft are directed towards

the designer rather than the fleet operator, and do not appear to cover the
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case of continued operation of aircraft which have cracks in primary
structure. While the need to assess existing fleets against the new USAF
design requirements has been recognised, no formal requirements or guide-lines

appear to have been issued for such applications.

In /46/ a procedure is developed for operating a fleet on a safety-by-
inspection basis, given that an in-service inspection programme has shown
cracks to exist in primary structure of some aircraft, and that aircraft are
permitted to continue operating if their cracks were seen to be below a
defined size at the most recent inspection. The aim of the procedure is to
ensure that, given this situation, the risk of catastrophic failure is
maintained consistent with values implied by the existing design
requirements. It is assumed that operation with known cracks is justified by

the improvements in NDI sensitivity which enable cracks to be detected at such

a small size that the residual strength is not significantly impaired, even

allowing for continuing crack growth during the following inspection interval.

The procedure is formulated for two cases: first, when all the fleet has been
inspected at least once, and will continue to be inspected periodically at the
structural location(s) under discussion. The procedure then obtains
estimated inspection intervals and rejection criteria which should ensure
reasonable safety levels. The second case is when only a proportion of the
fleet has been inspected and some aircraft are found to be cracked. In this
case an additional output is the estimated time to the first inspection for

the remainder of the fleet.

The paper summarises the design requirements, emphasising their problems in
the present context and illustrating these problems with some case studies.
This leads to a statement of the procedure and a discussion to its

application.

9.5.3 Rainflov Counts in Random Noise (D.G. Ford - ARL)
One of the basic theoretical problems in fatigue prediction 1is the
distribution of damaging loads, essentially countable, over continuous

time. For example exceedances/hour relate to this questionm.

It is clear that initiation, and to some extent crack growth, depend on the

distribution and frequency of range-mean pairs. The counting of these in

i
~
1
|
{
fy
F,
¢
!
{
?l y ‘l
b
R T R



———

it

9/34

observed load histories is well developed, /47,48/, but until now there has

been little corresponding theory.

Under conditions which guarantee finite occurrence rates, the average
frequency of a specified range pair exceedance in stationary Gaussian random
noise defined by its autocorrelation function (hence its power spectrum) has
now been derived. The exceedance is defined in terms of two conditional
upcrossings and the work extends that of others on simpler processes. For
practical purposes it requires computer implementation and this is to be

provided for the outputs of linear systems.

9.5.4 Risk and Reliability (D.G. Ford - ARL)

Apart from slow Monte Carlo simulations, the ARL NERF program remains the only
single-crack package for fatigue life and inspection analysis which allows for
variability in crack growth rate, initiation time and residual strength.
Since the publication of /49/, two further reports /50, 51/ have been produced

as programming and user manuals, and further development is proceeding.

At the Waloddi Weibull Memorial Symposium sponsored by IUTAM in Stockholm in
June 1984, four Australian authored papers were presented, one of which /52/
used the NERF program. Hasofer's paper /53/ dealt with an extension of the
Weibull distribution and Leicester presented some exact solutions for

realistic structural risk problems /54/.

The fourth paper /55/ described a general framework for fatigue with several
interacting failures in which the life distribution follows from given damage
and crack growth laws. The damage laws provide boundary conditions for a
transport equation description of crack size density. If the diffusion term
in the transport equation is neglected, the density of crack sizes is governed
by a continuity equation for probability with boundary conditions supplied by
damages equivalent to initiation probabilities. For all structures, the set
of such damages may be thought to occupy a hypercube in damage space. This
multi-crack model is now being programmed as a simulation model with critical

damages uniformly distributed in the damage cube.

9.5.5 Resonance Fatigue Testing of the CTA-A Empennage (I.A. Anderson - ARL)
In the flight tests flown to establish strain data for the full-scale fatigue

test on the CT4-A Air Trainer (Section 9.2.3), it had been observed that

unexpectedly high empennage strains occurred under some conditions. As these
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proved to be associated with resonance rather than manoeuvre loadings, a

resonance fatigue test of this part of the structure was carried out.

An appropriate block programme sequence of loads from 30 to 100% of maximum
load was applied at the resonant frequency of nine Hertz, Fig. 9.55.
Numerous failures were detected from 3-1/2 hours of testing time through to
cessation of the test at 16 hours, Fig. 9.56. This time corresponds to many
tens of thousands of normal flight hours, and neither the empennage nor the
associated fuselage structure is expected to cause difficulty during the life-

of-type of the aircraft.

9.5.6 NDI Research (I.G. Scott ~ ARL)
Progress in nondestructiv: inspection (NDI) research has continued along the

lines described in the previous revisw.

Acoustic emmission (AE) monitoring of a full-scale fatigue test on a fighter
aircraft has continued, but along different lines from those originally
intended. It had been proposed to seek directly a relationship between crack
growth and selected AE parameters. However, crack growth information
available from NDI and fractography has been unsatisfactory, and different
approaches have been necessary. So far tests have been conducted on two

different wings.

The testing equipment /56/ has performed reasonably well although amendments
have been necessary from time-to-time. In addition, some changes have been
made as a result of data analysis /57/. AE data was collected in two
different ways - on cassette tape and on 9-track computer tape. The cassette
tape data comprised records of load, pulse height and rise time of all AE
events and some necessary data for identification. This was taken
continuously when the AE equipment was operating. The tape data comprised
waveforms of AE events and was obtained on command. Analysis of the cassette
data was evaluated in terms of difference between data from flaw-free and
cracked holes and in terms of the position in the load cycle where signals
occurred. No strong relationship was found. The waveform data were

analysed in terms of spectral parameters /58/ and this work is continuing.

The test article is complex and the test situation is very noisy (for AE
measurements); in addition, the changes in test method, due to the absence of

crack growth data, have meant that use of a non-ideal approach has been

|
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necessary. However the project has provided an excellent opportunity to

undertake AE measurements on practical structure.

Further studies on source identification have been undertaken - it has been
confirmed that, at least in one aircraft aluminium alloy, the dominant source
of AE is the cracking of inclusions under fatigue test conditions /59/, and
some interesting overload effects have been identified /60/. A preliminary
study of accuracies and location of AE sources has been undertaken /61/. In
another investigation /62/ to quantify the relationship between acoustic
emission (AE) and fatigue crack growth in 4340 steels, it was found that AE
can, under some conditions, be quite erratic. If used as an indicator of
fatigue crack growth in such steels, AE may, therefore, be quite misleading,

and give rise to potentially dangerous situations.

Work has begun on basic studies of the eddy current test technique, on
theoretical studies of wave propagation in plates and on the further

development of computer-controlled NDI equipment.

9.5.7 Patigue Monitoring of RAAF Aircraft (R.C. Beckett - CAC)

9.5.7.1 F-111C aircraft wonitoring

The monitoring of F-111 aircraft of the RAAF has been characterised by
individual aircraft tracking using counting accelerometer data, component
modification and movements information to allow the assignment of life data to
serial number components, and the collection of flight parameter records from
a sample of the fleet. A relatively high return rate of counting
accelerometer data has been achieved, but a relatively low rate of flight
parameter records on the more complex recorder has been achieved.
Nevertheless the flight recorder data have been put to good use in some
special investigations. It was found that maintaining a good quality
component data tracking base is not a straight-forward operation and the
lessons learned have been applied to monitoring arrangements for other
aircraft. Some 26 areas of the airframe and landing gear are being
monitored, and comprehensive reports are being produced every six months.
Two areas of the aircraft have been highlighted as potentially critical by
fatigue monitoring and special investigations have been undertaken for these

areas.

The recorded information has been used to good advantage to help resolve a

problem in the wing upper plate which led to premature cracking of the

——————— e . e ———— — — -

4

-~




-—— e

9/317

aircraft. It has been possible to trace the individual aircraft history and
to correlate that with fractographic information from fatigue fractures taken
from aircraft which failed in a cold proof load test /l1/. As part of the
Australian programme to react to this problem, the flight parameter recorder
was modified to record some strains. This yielded useful information about
limit load conditions and loads which it was suspected may have caused some

fatigue damage that would otherwise not have been conveniently studied.

In the future, the RAAF intends to monitor each individual F-111 using AFDAS*
equipment. Currently, a prototype AFDAS equipped aircraft is being fitted
with strain gauge sensors at 16 separate locations. This aircraft is due to

fly in March 1985,

9.5.7.2 Mirage aircraft monitoring

All Mirage aircraft of the RAAF fleet are fitted with fatigue meters. in
addition, ten of these have now been fitted with AFDAS equipment. Vertical
acceleration, wing strain, wing support structure strain and fin support
structure strain transducers are fitted to each aircraft. The reliability of
the equipment has been quite high, the greatest problem in acquiring data
having been in interrogating the on-board unit. Nevertheless, a good return
of data has been obtained and has provided the basis for studies of the effect
of placard limits and the comparison of strain spectra at various locations

around the aeroplane with fatigue test strain spectra.

A data base for assessing the effect of different kinds of future flying on
crack growth or fatigue damage has proved to be a valuable fatigue management

tool.

CAC has provided engineering support to a Mirage Durability and Damage
Tolerance Assessment Programme. This involved the review of all the
accelerometer data for the complete previous history of all aircraft by tail
number and the forecasting of strain spectra for individual aircraft using
these data and the AFDAS records obtained on the fleet sample. Crack growth

and fatigue damage models have been developed which use AFDAS data directly as

* For a description of the Australian designed and built Aircraft Fatigue
Data Analysis System (AFDAS) see /63/.
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input. This has involved great economies of comp:ting, and provided a sound
basis for individual aircraft tracking using a DADTA approach. Calculations
are based on a flight by flight crack growth model rather than a load by load
model. A number of CAC reports describing this work have been produced in

the period.

9.5.7.3 F/A-18 fatigue monitoring

CAC is well advanced in the development of a computer based system for life
monitoring on the engine and airframe of the F/A-18 entering service with the
RAAF in 1985. Each aircraft has been fitted with a flight parameter and
strain recorder by the manufacturer, McDonnell Douglas, but RAAF aircraft will
also have a 12 channel, second generation, AFDAS device fitted. This enables
broader coverage of the airframe, and AFDAS is configured to pick up much
higher frequency vibrations than the maintenance data recorder system. The
Mk III AFDAS unit also automatically reads and stores individual flight
data. The total system will consist of a dedicated computer and various
flight recorder interface equipment for each operating squadron, along with a
central computer at CAC to analyse the longer term life information. Data
will be used by operating squadrons to help in fault finding of service

aircraft.

9.5.7.4 Macchi MB326H fatigue life monitoring

A detailed specification for an enhanced computer based fatigue life
monitoring system for Macchi aircraft has been developed. One aircraft has
been fitted with an AFDAS recording system as a prototype, and when this
installation has been proven, a sample of the aircraft in the fleet will be
fitted with AFDAS units. Selected gauge locations are on the wing, wing

carry-through structure, vertical tail, and horizontal tail support structure.

9.5.7.5 Nomad aircraft life monitoring

Specifications for a computer based system for monitoring fatigue life
consumption on the Nomad have been developed. A modification proposal for
fitting AFDAS equipment to a small sample of the fleet has also been

developed.

9.5.7.6 Wamira service usage loads history forecast
In support of design activities on the new Australian designed basic training

aircraft, Wamira (Section 9.2.4), CAC has developed techniques for determining

loads histories from expected usage spectra. The technique involves a

4
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hierachial structure where the aircraft usage is defined in terms of loads
associated with various flight environment and 'manoceuvres', then combinations
of 'manoceuvres' to give typical flight profiles, and finally linking typical
flight sequences into a usage spectrum. Analyses, based on this work, have
been undertaken to support design criteria in terms of fatigue life and crack

growth,

9.5.7.7 General flight record procesgsing & individual aircraft tracking

A very large volume of data has been processed using computer techniques over
the past several years, and this has led to a refinement in the approach
adopted and the types of computer used which will significantly reduce future
processing costs. The availability of these data has been justified several
times over the last few years during incident investigations, and the value of
individual aircraft tracking in permitting correlation of fatigue crack
fractographic information with individual aircraft records has provided the

RAAF with a powerful tool for forecasting service cracking characteristics.

9.6 BIBLIOGRAPHY ON THE FATIGUE OF MATERIALS, COMPONENTS AND STRUCTURES

The fourth volume of this work by J.Y. Mann, covering the period 1966 to 1970,
is expected to be ready for publication during 1986. It will contain nearly
7,000 citations and bring the total number of citations for all four volumes

to about 23,000%.

* Volumes 1, 2 and 3 of the Bibliography covering the periods 1838-1950,
1951-1960 and 1961-1965 were published by Pergamon Press in 1970, 1978

and 1983 respectively.
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TABLE 9.1

SUMMARY OF MAJOR CRACKS AND REPAIRS -

NOMAD FATIGUE TEST SPECIMEN

INITIATION DETECTED* HISTORY OF#
LOCATION POINT TIME (hrs) CRACK COMMENTS
LENGTH (wmm)
Stub-Wing Rib actuator 56280 R 57630 (15) Series of cracks formed at
BL 42.25 STB'D cut-out (15) F 138006 (17) cut-outs for both port and
starboard ribs.
Wing Stringer rivet hole 60668 R 63122 (X) New cracks started, and a
W STN 152 securing skin (X) R 96813 (NM) new repair scheme was
F STN 195 C 166500 (NM) required to cover all
cracks
Upper Wing-Strut  attachment 79837 Critical failure, fitting
Fitting bolt hole (X) was replaced. No
indication of crack in new
fitting.
Stub-Wing Outboard bolt hole, rear 81700 R 88126 (43) Critical failure. Two
Rib Port BL 50.6 spar diaphragm (40) F 103997 (65) similar cracks were also
present. Rib was
replaced.
Wing Front-Spar rivet hole 84420 C 166500 (49) Crack grew to another
Doubler W STN 155 for doubler (10) rivet hole and stopped.
Stub-Wing Rib bolt-hole, front 103997 F 138006 (29) Similar to crack in port
BL 46.9 STB'D spar attachment (29) side rib.
Stub-Wiang bolt hole for 103997 F 138006 (16) Critical failure, stub-
Front-Spar upper skin (NM) wing replaced. Smaller
BL 47.7 STB'D identical crack on port
side.
Stub-Wing rivet hole for 105700 F 138006 (55) Residual strength test
Front-Spar D~nose rib (6) performed on spar after
Web BL 42.25 stub-wing removal.
Stub-Wing Front- rivet hole for 112581 R 112581 (X) Critical failure, stub-
Spar Lower Cap lower skin (Xx) F 138006 (NM) wing was removed and an
BL 21.6 Port external strap was
fitted.
Stub-Wing Rib bolt hole rear 125045 F 138006 (22) Cracks in port side rib at
BL 46.9 Port spar diaphragm (10) attachment hole.
Wing Rib rivet hole tank 162518 C 166500 (320) Real time of crack
W STN 114 bay door support (320) initiation not
known. Accurate length
not available until 164210
hours.
Stub-Wing Front- bolt hole for 164225 - Critical crack. 1Identical
Spar BL 47.7 upper skin (NM) to crack found in specimen
Specimen No. 2 No. 1.
* R - Time and length of crack at repair
F - Time and length of crack at replacement
C - Test hours and length of crack at 31 December, 1984
X - Cracked through complete cross section
NM - Not measurable accurately
it e et . e o - g . - .
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TABLE 9.2

CT4-A AIR TRAINER GUST SPECTRUM

Exceedance Level (g) Units
0.5 0.75 1.25 1.5
1.91 30.0 63.4 4.0 Exceedances/Hour
75.1 1178.8 2487.3 157.2 Exceedances/Programme
TABIE 9.3

RANGE PAIR TABLE OF ARL MIRAGE FULL-SCALE
FATIGUE TEST SEQUENCE DISCRETIZED TO 14 LEVELS

Lo 2 0
3 0 0
4 0 0 0
5 0 0 0 149
6 1 0 91 9523 2198
7 1 22 2318 21601 2805 1591
PEAK 8 0 37 659 810 1873 1665 705
LEVEL 9 1 18 131 575 1209 521 896 124
10 0 17 72 421 609 302 306 336 110
11 3 24 42 400 338 23 131 168 183 147
12 5 25 60 516 171 1 92 39 63 71 97
13 9 9 18 16 53 0 11 0 o 11 1 35
HI 14 1 0 0 0 0 0 0 0 0 0 0 0 0
1 2 3 4 5 6 7 8 9 10 11 12 13
Lo TROUGH LEVEL HI
TABIE 9.4
FATIGUE LIVES OF SPECIMENS UNDER
ORIGINAL AND RECONSTITUTED SEQUENCES
Sequence Log mean life (programmes) Standard Deviation
(gross-area test stress = 30.4 MPa/g) of log life
Flight-by-flight 12.13 0.048
Al 14.36 0.075
A2 13.01 0.091
Rl 14.78 0.079
R2 13.2 0.080

«
\
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110

120
131

81

Temperature,

TABIE 9.5
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EPOXIDE LOSS AT DIFFERENT TEMPERATURES

o¢

AF 126

2

~d
(")

TABIE 9.6

Time for Consumption of Epoxide

12 h

5.5 h
70 min
35 min
23 min

' NOMINAL SHEAR STRENGTH OF ALUMINIUM-ALUMINIUM LAP SHEAR JOINTS

Cure Schedule

1 h/121°C
8 h/80°C
15 h/80°C

1 h/121%
8 h/80°
15 ©/80°C

AF 126

FM 73

Shear Streagth, MPa

20°C

39.2
37.3
38.1

4
\

80°¢

21.3
14.0
21.3
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TABLE 9.7

DATA FROM BOEING WEDGE-TEST EXPERIMENTS FOR 2024-T3
CLAD SPECIMENS PREPARED WITH ADHESIVES AF126 OR FM73
MADE UNDER THE CONDITIONS INDICATED

Cure Surface-  Pressure Initial Crack growth in
Adhesive Condition Treatment Method Crack Size given hours (mm)
(mm) 2 4 24 48
AF 126 80°C/8h An M 30 2.8 3.5 7.0 9.4
An \ 35 2.3 3.7 7.0 8.8
An + S M 36 1.7 2.3 2.9 3.4
100°¢c/4h An M 30 0.9 1.2 2.2 2.4
An v 35 2.0 2.6 4.4 4.6
An + S M 30 1.1 1.6 2.9 3.8
120°¢/1h An M 29 0.9 1.3 2.8 3.4
An v 35 1.0 2.2 2.8 3.4
. An + 8 M 27 l.4 1.5 2.1 2.6
GB M 28 15.0 19.0 23.0 43.0
GB + S M 27 200 2.9 7.0 8.7
FM 73 80°C/8h An M 37 8.7 19.0 27.0 33.0
* An ' 39 12.5 18.0 29.0 32.0
An + S M 38 1.1 1.4 2.3 2.9
GB + S M 40 10.0 1.4 2.6 3.3
100°c/4h An M 36 2.1 3.8 12.0 18.0
An v 36 4.0 6.8 17.5 19.4
An + S M 36 0.2 0.5 2.0 2.4
GB + S M 37 0.7 0.9 1.4 1.6
120°¢/1h An M 36 1.7 1.8 6.8 9.6
An v 34 1.7 2.2 11.0 15.5
An + S M 34 1.2 1.5 2.4 2.6
GB M 28 15.2 18.7 33.2 42.6
GB + S M 35 0.4 0.8 1.4
Notation
An PANTA
GB grit-blast
S silane prime
M mechanical pressurization
V vacuum bag pressurization
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FIG. 9.1 CROSS~SECTION OF NOMAD STUB WING
UPPER-SPAR-CAP CRACK (B.L.47.6)

Fw'd

Approximate crack length 320mm

STA 116 114
] [}

Crack location

Typical section

STA 115

FIG. 9.2 NOMAD WING RIB ASSEMBLY SHOWING LOCATION OF CRACXING
ON FATIGUE TEST
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First spar failed on test

Upper front spar
Second spar cracked

J

Upper front spar cracked
on test (subsequently
residual strength tested)

FIG. 9.3 NOMAD STUB WING SHOWING LOCATIONS
OF MAJOR FATIGUE TEST FAILURES

failed on test
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CT4-~A

Skin cracking

MAIN PLANE ASSEM3LY
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Angle bracket
_~"(cracked corner)

.2 Fwd. attachment bracket

% \ <
\\\\\\~ '//// Crack
/

™~

Corner bracket
(RAAF mod.)

FIG. 9.7 CT4-A FORWARD WING ATTACHMENT DETAILS SHOWING DAMAGE
AT 5000 HRS.
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FIG.

FI

9.8 CT4-A UPPER SURFACE BUCKLING SHOWING STANDARD
PATCH REPAIR - STARBOARD WING

r~

G. 9.9 CT4-A MAIN SPAR FAILURE - PORT WING
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Y A

B Fatigue growth before 25000 hrs.
@ Fatigue growth at 51 141 hrs.
p Rapid crack growth at failure

Ll

Y

Tension spar cap

SIS - R VSOOI IIIIIIIIIIL < ¥ i R v OIS

Intermediate packing strap

v R,

Lower tension strap

FIG. 9.11 CT4-A MAIN SPAR TENSION BOOM FAILURE
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TYPICAL CRACK ON UNDERCARRIAGE
ATTACHMENT GIRDER. ( CRACK LOCATIONS
DENOTED BY ASTERISKS.)

CRACKS OCCURRING HERE.

PARTENAVIA P68 CENTRE FUSELAGE STRUCTURE SHOWING

CRACKED FRAMES
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FIG.

9.13 PARTENAVIA P68 FRONT SPAR FORWARD
AND AFT LOWER CAP ANGL=S, AS REMOVED

FIG.

9.14

CRACK IN PARTENAVIA P68 SPAR SHOWING ABRUPT CHANGE
IN SECTION, SMALL RADIUS AND POOR SURFACE FINISH
(x 3 approx.)

4




FIG. 9.15 PARTENAVIA P68 FRONT SPAR CRACKING:
PHOTO-MOSAIC OF PART OF FRACTURZE SURFACE

BRACKET

ATTACHES TO
FUSELAGE

REAR SPAR

/ AND DOUBLER
FWD

FIG. 9.16 CESSNA 210 TAILPLANE BRACKET INSTALLATION
(LEFT SIDE ONLY SHOWN)




FIG.

FIG.

9.17

CRACKS

CESSNA 210 TAILPLANE REAR SPAR REINFORCEMENT BRACKET

9.18

FRACTURE SURFACE OF CESSNA 210 TAILPLANE REINFORCING
BRACKET SHOWING MULTIPLE CRACK ORIGINS




FIG. 9.19 CRACKED AND 3ROXEN MAIN LANDING GEAR
TORQUE LINXS FRO!M PIPZIR AEROSTAR 600

FIG. 9.20 PIPER AEROSTAR 600: FRACTURE SURFACE OF FAILED TORQUE
(F) AND OVERLOAD (0) x 7.3 approx.

SHOWING AREAS OF FATIGUZ




FIG. 9.21 McCAULEY D3A 32C90-LM PROPELLER HUB AS RECEIVED

FIG. 9.22 McCAULEY D3A 32C90-LM FRACTURE SURFACE, MULTIPLE
ORIGINS




FIG.

FIG.

9.23

(x340 Approx)

SECTION THROUGH RETENTION THREAD ROOT SHOWING
SURFACZ FINISH - McCAULEY D3A 32C90-LM

DOUBLERS — LEADING
EDGE FINGERS

DOUBLERS — TRAILING EDGE

FINGERS

9.24 BELL 206 B MAIN ROTOR BLADE REINFORCEMENT




9.25 3ZILL 206 B

MAIN ROTOR BLADE - ROOT

ZND SKIN CRACK

FIG. 9.26

3CLL

206

SHOWING

CRACK INTITIATION SITE.

B MAIN ROTOR BLADZ

15 MARXED (1)

— ——— — e

FRACTURLZ SURFACE
RIDTCED THICKNESS OF BLADE SKIN AT
FRACTURE SURFACE




FIG. 9.27 BROXEN HILLZIR UH-12Z DRAG LINK ATTACHMENT
SHOWING CORROSION, WZIAR AND FRETTING ON PIXN
AND THROUGH 30LT.

FIG. 9.28 FATIGUZ FRACTURZ SURFACE OF HILLER UH-12Z
2YZ BOLT END SHOWING MULTIPLE ORIGINS5, VWITH
CORROSIONM AMND FRZITTING IN BOLT HOLE BORE



ATTACHES T0
TRANSMISSION CASING

}

(o

LUG FAILURE

LIPT LINX, LIFT BEAM AND ATTACHMENT

FIG. 9.29
FITTING -

BELL 212 HELICOPTER

BELL 212 HELICOPTER, LIFT LINK LOWER ATTACHMENT

FIG. 9.30
FITTING - FRACTURE SURFACE




{ 10.0

L1 Gz2c12
2 GNaB
6.0 FJ GZ24a5
™4 GNID 12
6.0 5 Gzica 3 1 Rul gl th
6 G126 6 [[
S.0 7 GN38
8 GKIEIO ;
'R - 9 GK 187
° 10 GT3F / / /
1 G23a10 ) [
30 12 GKID9

U LA Ly
awy /i

1o / Z /)

] ) /14

S Vv y//aiaai
VAR /AN

.6 /
o v,/ /8
. /

4
0.2
|

Flights {x 1000)

FIG. 9.31 FATIGUE CRACK GROWTH FROM 8mm BOLT HOLE
! SPECIMENS WITH 0.125 INCH SLAM RIVETS, SPECTRUM TYPE 1




0.6
© To tormation of crack of
specihied depth
X Propagation of crack to failure x
0.3 from specified depth
&
- X
g o2 S/
o ’,X
© x/x
@
X’”
0.1 Y sl
Y i
A —=0
Failure
L 1 1 | I __ 0063
0 1 2 3 4 S 6
Crack depth {mm}
{a) s.d. of log. life
2000
1500
? ——0
2 Failure
< 1339
& 1000 -
°
° X
2 \"‘\x
500} [t "
%
\%
1 | 1 I | |
0 1 2 3 o S 6
Crack depth {mm}
(b} Arithmetic s.d. of lives
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1 GJ1ZB  Open hole non coated

2 GJ1Y Open hole adhesive costed
s r 3 GJ2A16 Prem-fit rivet
4 GJ2B16 Adhesively-bonded rivet

%] g

Crack depth (mm)

10000

FIG. 9.34 EFFECT OF ADHESIVE BONDING ON CRACK PROPAGATION
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FIG. 9.36 SURFACE DISPLACEMENT OF AN ALUMINIUM ALLOY DISC
CONTAINING A PRESSURIZED HOLE (NONDIMENSIONAL
THICKNESS = 6.25)
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FIG. 9.37 STRE3S INTINSITY FACTORS FOR HOLES WITH
CRACKS ON BOTH SIDES




FIG.

9.38

PHOTOELASTIC FRINGE PATTERNS AT MANDREL ENTRY (TOP)
AND EXIT SIDE OF A COLD EXPANDZD HOLE - SPLIT SLEEVE
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CRACK GROWTH DATA FOR 20mm THICX CCT SPECIMENS
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A - Conducting cable position for fluorescent
magnetic particle inspection

B - Line of fatigue fracture shown in Fig. 9.47
C - Axial position of separation of pinion

FIG. 9.46 WESTLAND WESSEX POWER INPUT PINION

WESTLAND WESSEX POWER INPUT PINION FRACTURE SURFACE




-w

4200

35@@

3000

xOrAan

2500

20e8

MIPCON »MT3

15@e

33

1929

FIG.

frf1fﬁ TT‘ﬁW—ITTV—TITT

lTr_{!f‘(I“\f\'r[T'l

9.

48

180 200 300 400
HOURS SINCE NEW

THE PRELIMINARY PLOT OF CUMULATIVE CRACX AREA VS

NUMBZR OF HOURS SINCE NEW -

¢~LJ~lﬁA_¢4L.LJ»J.J,LJ“J_¢ML4_J~1_¢dL,LJHJHL_L4“44L«LJ_4,J_1.¢.L_LJVJ

soe 51 0] 709

SUSTLAND WIESSEN



Crack length mm

Crack length mm

L ! I I 1 | Il 1
0 5 10 15 20 25 30 35 L0 Programmes

(a) Gross-area stress 11.0MPa/g

1 1L [ I L

0 2 b 6 8 10 Programmes
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FIG. 9.49 CRACKX GROWTH IN CCT SPECIMENS OUTER

'"ACCZLERATION' SEQUENCE A2, AND 'RETARDATION'
SEQUENCE R2
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CARBON FIBRE/ALUMINIUM ALLOY BOX BEAM
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DFD

FI ANOO22/AN .VH-RMD
DT DPC BNE 041024 2407

MELSYDACCL
ON-BOARD ANQ022CCL
MESSAGE 34225 15154E 1017 FO20 P02 260/020R l19:CCL

34225 15155E 1018 FO40 POO 268/025R 026:CCL
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34215 15156E 1920 FO80 M02 200/035 O0l4:CCL

SITA { N o s o e e
HEADER — l | I'
o
Latitude Time Temp WmdI Turbulence
sp%q *
Longitude Flight Wind | END OF LINE
level direction | CHARACTER
Roll
angle
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Latitude and Longitude are in degrees and minutes.
Time is GMT.
. Temperature is reported with P/M for +/- sign.

Wind speed is in knots.

Turbulence is derived equivalent gust velocity in dm/s,
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