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Preface
& | N
4y Emphasis in this thesis is on the development of a
fd. preliminary design for a flight control system using recently
.;' evolved multivariable techniques and considering real world
‘Ej constraints. Such an approach is important because of con-
?2 cerns that exist in the engineering community about the
s application of modern control system designs with high gains
ki and wide bandwidths.
Qf The AFTI vehicle is chosen because of my experience
25 with the control law development and knowledge of the
éﬁ implementation constraints. I would like to thank Mr. Jim
’ Ramage, Chief Engineer for the AFTI/F-16 ADPO, for sponsor-
:ﬁ ing this effort along with the ADPO Engineers for providing
:2 ‘assistance and guidance during the study.
':? The theoretical background is based on techniques
S developed by Professor Brian Porter from the University of
é Salford, England. I would like to express my appreciation
: ; to Professors John J. D'Azzo and Constantine H. Houpis of
?} the Department of Electrical Engineering at the Air Force
'§ Institute of Technology. The thesis would not have been
%5 possible without their guidance and suggestions.
i%; This research was accomplished in parallel with four
ii} fellow students. I found the numerous and enlightening
;" discussions with this group to be most helpful during the
:; 3;
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)Recently evolved multivariable design techniques

& 'l‘,

are used to develop control laws for the AFTI/F-16. The

.
~

techniques were developed by Professor Brian Porter of the

;ﬁ University of Salford, England. In the study, designs are
ﬁ; investigated to provide pilot control of vehicle rotational
- rates and accelerations. This line of inquiry is in con-
égl trast to the angle control concepts required in previous

ég: applications of these new techniques. A computer-aided

;L deSi€P package called "MULTI" is used in refining the con-
‘é; trol laws to the preliminary design stage. It proves to be
A;E ) invéluable.

g '!9 Ap aircraft model is developed in state space form
j§§ for the AFTI vehicle from linearized aerodynamic data., This
;;; is accomplished at several points in the flight envelgdpe.

\A After validation, these models are used for the-design and
gs evaluation of the control laws. -

ig Q\\S AFTI is equipped with additional control surfaces to
o provide Direct Force (CCV) control.\\é\;equirement of the
}%: design is to demonétrate specific CCV capégfifiiésig Major
'ii emphasis is placed on the ability to properly blend CCV and
lﬂ conventional control capabilities for combat maneuvering.
éi The methods employed to obtain a design are preségted
f? along with the evaluations of the final control laws.
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Several instabilities encountered during the investigation
are discussed. The multivariable techniques are shown to
provide good designs with a very moderate expenditure of
manpower. Additional areas of research are discussed along

with proposed modifications to the "MULTI" package.
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MULTIVARIABLE CONTROL LAWS FOR

THE AFTI/F-16

I. Introduction

EL Background

The advent of digital fly-by-wire control on advanced

high performance aircraft has provided the pilot with control

S

over pertinent motion variables. A stick input no longer

simply commands a control surface deflection. The pilot's
task is not restricted by the basic aerodynamic characteris-
X , tics of the vehicle. The designer has the ability to develop ;
‘U' a system which allows the pilot to command the type of air- ?
craft response that has been found to be most useful. Such 3
developments have openwd the door to tailoring the control
system for accomplishing specific mission phases with the

promise of significant performance improvements. For a num-

JURPRREIIIVS - | CHIPNIN

§~ ber of years, control theory has been applied to the design
of limited authority augmentation systems to improve an air-

X craft's inherent short period and dutch roll damping through-

;' out the flight envelope. Also, it has been employed in the

design of autopilots to perform functions such as altitude

< hold, Mach hold, or heading hold and in the development of

automatic landing systems. In the 1960 time period, flight

L et
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§j R testing on the TWeaD F-4 program demonstrated active control
;: could improve the ability of the pilot to use the aircraft
as a weapons platform (Ref 1).
2? Recent emphasis has been on the incorporation of
. control concepts early in the aircraft design cycle to im-
prove flight performance. The aerodynamic design is no

;;, longer restricted by requirements to provide natural damping
. and stability. In the case of statically unstable aircraft,
A the control system provides complete artificial stability
and acceptable flying qualities.

The use of fly-by-wire requires the '"electrical
. flight control system" to be as reliable and endurable as the
' mechanical system it replaces. This establishes rather
o . severe requirements for the system, since flight safety is a
o G paramount issue. The flight control system has to be designed
:{E to operate after several failures. In some cases this
:fi results in the use of four identical (redundant) channels
v within the flight control system so that monitoring and
majority voting can identify and isolate failures. The

58 required reliability is in the order of 1x10™ ¢

failures per
flight hour. Thus, only one failure is permitted for every

iﬂ; 10 million flight hours (Ref 2).

‘ Such stringent requirements result in the philosophy

of having very few signal sources external to the system.

#,,'l"
. a “"‘

a e
N

Aircraft motion sensors used by the flight control system,

v

although not possessing great accuracy, are extremely




reliable. Linear Variable Differential Transformers (LVDT)
which are magnetically coupled are used as position sensors.
Potentiometers are avoided because of their high failure
rates and tendency to generate noisy signals.

This type of reliability is not necessary for other
avionics systems or for limited authority outer-loop control
functions such as autopilots. In these cases a failure is
easily detected by the pilot and corrective action taken to
counter the failure until the system can be removed from
operation. This is not practical for full authority fly-by-
wire systems. Because of their high authority and fast
response, failures can result in aircraft loss.

Recent developments in Direct Force capabilities have
provided the pilot with an additional dimension in maneuver-
ing response resulting in a ''new way to fly" (Ref 3). The
proper application of these new Control Configured Vehicle
(CCV) abilities to enhance combat effectiveness has been the
subject of several research programs (Ref 4; 5).

Control design has been complicated by these new
abilities. The designer is now faced witﬁ multiple input/
output systems and an ever increasing number of feedback
loops. Although classical methods can provide a means of
design, application of these methods is becoming more and
more time-consuming. Many iterations are required, as each
new loop is closed, to satisfy the many varied and sometimes

conflicting requirements.
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g n The CCV YF-16 program carried such a classical design
through flight testing with exceptionally good results.
Attempts to design with modern control techniques have given

less impressive results. This is unfortunate since these

methods offer the potential of improved performance with a

reduction in the design complexity. Requirements such as use

of full state feedback, definition of a proper performance

index, or selection of desired eigenvectors leave much to —

be desired in the currently available modern control tech-

niques. q
Recent theoretical work by Professor Brian Porter at Eﬁ

the University of Salford, England, on high-gain error

- actuated methods has shown promise of enabling the design of

Qr, exceptionally good performing systems without many of the E
L; drawbacks of current modern control methods. The theory of ':
3‘ Professor Porter's work is presented in Chapter III and can
2 also be found in Reference 6. ii

The problem undertaken in this thesis research is the

development of an air-to-air combat control system for the

AFTI/F-16 aircraft. Emphasis is placed on considerations

for a practical implementation. The design is accomplished
at several points in the flight envelope as shown in Figure 1.
The point at 0.9 Mach and 20,000 feet is the primary design
case. This is the condition where aerial combat generally

begins. The other points are chosen to give a good varia-

tion in both the aerodynamic characteristics and static
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stability. Only cursory data is collected at the 0.2 Mach,
sea level condition since combat capability is being

stressed. This condition is included in the evaluation

CISTIprY N Drar we

because it provides information on operation at elevated
angle of attack. The 1.6 Mach, 30,000 feet point is selected

due to the high '""q" condition and since some encounters

PITOTT IRV UV e

actually begin supersonically. However, for such encounters,

should a maneuvering engagement develop, airspeed drops

it e

quickly, and the subsonic region is entered.

Assumptions i
Basic assumptions in the design effort are established

to reduce the design complexity to a level equivalent to

that of a '"preliminary design'" effort. These assumptions

are listed below.

* The aircraft is a rigid body, and mass is constant.

* Thrust is not changing.

* The earth's surface is an inertial reference
frame.

* The atmosphere is assumed fixed with respect to
the earth.

* The equations of motion can be decoupled into a
longitudinal and a lateral-directional set of
equations.

* Linearization about an operating condition is
acceptable for point designs.

* Aerodynamics are fixed for Mach and altitude.

A rigid aircraft model is employed in which any two

-—_ points in the airframe remain fixed with respect to one

.. R L R e e e . et . o~ . . R ST,
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another, Flexibility due to structural modes of the air-
craft are not considered in this study. However, require-
ments are developed with a consideration of such effects.

As an example, flight control-structural interactions can
cause several problems ranging from unwanted vibrations or
control surface activity to structural failure and aircraft
loss. With this in mind, the design goals are established
to provide good performance at a minimum gain and bandwidth.
In seeking to prevent structural interaction, the system is
limited in bandwidth to only the range needed to do the job.
High frequencies, where structural resonances are usually
encountered, are attenuated. It is noted that flexibilized
aerodynamic data is used in developing the linear aircraft
model. 1In this way control surface deformation due to air
loads is accounted for as dynamic pressure changes.

Mass variations for the aircraft are fairly large
because of fuel usage during a mission. However, the control
system responses being studied are in the range of one to
ten seconds compared to a 1.5 hour mission. Fuel usage and
the resulting mass change during a specific maneuver are very
small and can be neglected.

Thrust is held constant throughout each maneuver to

reduce the number of variables being altered in the design.

It also provides a means of comparing design attempts. With
constant thrust, the variation in velocity provides an indi-

cation of the drag penalty and energy loss for thc same




maneuver for several candidate designs. In addition, an

apriori scheme for varying thrust during a maneuver is not
apparent. Although thrust adjustment can be added as an
input to control velocity, it is felt that pilot control of
thrust during combat maneuvering is very active and not
easily predicted for use in design studies of this level.
Such an extension can be examined for application to an auto-
mated or semi-automated attack system.

The inertial frame of reference is established as
the earth's surface. This greatly simplifies the equation
development and is valid for two reasons. First, the sensors
used for flight control systems, although highly reliable,
are not sensitive enough to detect the earth's rotational
rate or the coriolis acceleration. Secondly, the maneuvers
being considered have short durations compared to earth rate.
Relative to the earth they are also "local" responses, and
thus a flat earth with constant gravity gives fairly accurate
results.

For this design effort, the atmosphere is assumed
fixed to the surface of the earth. The limited scope of this
preliminary design did not cover random gust, steady winds,

or wind sheers during maneuvers. However, the effect of gust

upset is considered in establishing design restraints that

lead to a limited bandwidth control system with reduced
gains. It also directs the selection of feedback signals to

those which are not overly gust sensitive.
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The full nonlinear equations of motion are developed

in Appendix B and then simplified for the study. The first

o basic simplification is to assume that for this preliminary
i; design work the equations can be broken into a set of longi-
fz tudinal equations and a set of lateral-directional equations
- which do not interact. Since air combat maneuvering is a
é; design goal, this assumption of being decoupled must be kept
i; in mind. At times the assumption is altered to allow for
;2 consideration of special maneuvers such as the ability to

roll about the velocity vector of the aircraft. That ability
is very desirable for fighter aircraft and is addressed
later.

AE Multiple design points are established in the flight

‘ﬂ' envelope, and the simplified equations are linearized at
» these points. Perturbation equations about these points
are then employed in the design phase. Such a strategy
assumes that such point designs are fairly accurate repre-
sentations at the selected points. To accomplish a full
envelope design requires many such point designs with gain
scheduling between points. This approach has been used for

several existing aircraft control system designs and requires

s A
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a great many points to be considered. The further the devia-
'tion from such '"design'" points, the less likely that the
design is adequate since the model used for such designs
becomes less and less realistic. In this study, only four

design points are used as shown in Figure 1. These are
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selected to provide a full range of aerodynamic variations
for the controller design effort. For a practical design,
a great many more points must be considered with a number of
trimmed acceleration levels at each point being studied.
Although perturbations in velocity and altitude about
trim are examined, the aerodynamic model is fixed at the
trim point. Aerodynamic coefficients are constant through-
out a maneuver. In general, the aerodynamic coefficients
vary rather slowly (except in the transonic region), and
the approximation is valid for reasonably small variations
about the trim point.
The above assumptions with their resulting restric-
tions are typical of simplifications used in developing a
preliminary design for an aircraft control system. They are

considered to be appropriate for this study.

Pertinent Observations

Previous efforts applying Professor Porter's method

have centered on the command of <¢utput functions such as

pitch angle, flight path angle, or roll angle. That approach

presents two problems for the application being considered
in this thesis. First, these angular quantities are ref-
_erenced to inertial space which in this case is the local
earth coordinate system. Such measurements are usually
obtained from an inertial navigation system or inertial
measurements system which has a significantly lower relia-
bility and failure detection vapability than the flight

10
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control system. Second, the pilot feels aircraft body
angular rates and accelerations since he is physically
attached to the aircraft. In actuality, he controls these
quantities in flying the aircraft. For a right stick input,
a fighter pilot expects to develop a proportional "right
wing down" roll rate. Release of the stick input results

in zero roll rate while the aircraft roll angle remains at

a constant value. 1In pitch, the pilot expects constant
stick force to result in a constant acceleration with an
associated pitching rate. It is important to note that the
pilot actually feels (and desires to command) accelerations
at his position in the aircraft. This acceleration, Anp ,
is a combination of aircraft acceleration measured at the

center of gravity, A and rotational acceleration, q ,

n 1
cg
as shown in the following simplified equation. The zx term

is the distance from the center of gravity to the pilot's

position.

A = A + 2.(q) (1.1)
np ncg X

For rudder commands, yaw rate is developed with a corres-
ponding side acceleration (Ay) and sideslip (8). Based on
such observations, the controller design strives to command
these same inputs.

Recent flight testing on a highly modified F-16 has
demonstrated some rather unique new capabilities. These
capabilities are provided to the pilot through the use of ‘

11
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multiple control surfaces. The use of these control surfaces,
coupled with the flight control system, allow "direct forces"
to be developed by the aircraft (Figure 2). The direct

force term is meant to imply the development of forces which
are uncoupled from or not related to the aircraft's rotation.
Using direct forces, six new control modes are available to
the pilot as illustrated in Figures 3 and 4.

The "direct 1ift" mode provides a longitudinal
acceleration while holding angle of attack constant. In
this mode a pilot's command to the system causes the air-
craft to change its flight trajectory by developing an addi-
tional 1lift force without an angle of attack change.

The "pitch pointing' mode allows the pilot to command
an angle of attack change without developing an acceleration.
With this mode, the pilot can actually point the nose of the
aircraft up or down without changing the direction of flight.

"Longitudinal translation" results in the aircraft
changing altitude or translating upward without rotating.

A constant upward velocity is developed while maintaining a
zero pitch rate.

These same capabilities also exist in the lateral-
directional axis. The use of canards in conjunction with
the rudder and various control system feedbacks allows direct

force to be developed while moments are balanced on the air-

craft. Ailerons are also used to counter unwanted rolling
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Figure 2. Direct Force Development Using

Multiple Surfaces
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A "direct sideforce" mode provides lateral accelera-
tion to the pilot without inducing a sideslip angle. Using
such a mode allows wings level turns to be performed in
which a turn rate is developed without banking the aircraft
or developing a sideslip. As in the longitudinal case, the
aircraft is turning with the velocity vector as opposed to
leading it in conventional maneuvers.

"Yaw pointing'" provides the pilot with independent
control over sideslip, beta. The aircraft's nose can be
pointed right or left without developing a side acceleration
or changing the direction of travel.

"Lateral translation" results in the aircraft being
able to execute side-step maneuvers without having to bank.
In this case, a constant side velocity is developed while
maintaining a zero yaw rate.

These modes of operation are called Control Configured
Vehicle (CCV) maneuvers in this report. It is acknowledged
that the CCV concept encompasses much more than unconven-
tional flight modes (Ref 7). The above descriptions of the
unconventional modes differ from the definitions found in
the open literature by the lack of the use of terms relative

to an inertial reference such as flight path angle or pitch

‘angle. This is deemed desirable since such definitions,

while being correct for limited portions of flight, are not
proper in maneuvering situations. As an example, consider

the case of pitch pointing. This can be defined as changing

16
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the aircraft's pitch attitude while maintaining flight path
angle and heading angle. In wings level flight such a sys-
tem provides the desired fuselage pointing. Should the
alircraft be in a high "g" turn requiring a large bank angle,
such a system cannot be employed. Heading angle is contin-
ually changing due to the turn. For a descending turn,
flight path angle is also changing. Pitch attitude (8) is
defined as the angle between the local horizon and the x-axis
of the aircraft. Should the aircraft be banked at 88 or 89
degrees. changing theta results in a yawing motion. This

is clearly not what is intended. It is advantageous to
mechanize such CCV capabilities for "all aspect'" operation.
This was accomplished for the majority of modes on the CCV
YF-16. Using the definitions specified in this report, a
system is specified which is able to develop a change in
angle of attack without an accompanying normal acceleration
change. In this way fuselage pointing can be obtained with-
out interfering with maneuvering turns. In fact, it can be

commanded simultaneously with the turn.

Study Approach and Design Requirements

The general approach for this study is to design a

.multivariable control system for the AFTI/F-16 vehicle for

combat maneuvering. Major emphasis is on the development of
a controller with equivalent or improved performance as com-
pared with the current AFTI Air-to-Air gunnery control mode
but with reduced complexity. Each design attempt begins

17




with a very simple design and slowly increases in complexity
until a realistic result is obtained. For example, at the
0.9 Mach, 20,000 feet case a short period approximation of
the aircraft is initially employed in order to arrive at a
basic design with the fewest variables to adjust. The
design then proceeds to treating the full equations of motion
and includes actuator and sensor models. Any time an
unforeseen result or problem is encountered, the simplistic
model is reinvestigated. This allows determination of the
cause of such a result as either being inherent in the basic
design or as having been created in the manipulation of
variables or in the modeling of the more complex system.
It also results in a tremendous time saver in finding prob-
lems and errors as shown later in the report.

Early in the study, a set of general design require-
ments is established to form a basis for the work. These
requirements are listed below.

* The design will provide control and stability
augmentation.

* Responses are to be fast and well-behaved.

* Surface position and rate limits must not be
exceeded.

* Aircraft rates and accelerations will be
directly controlled.

* Feedbacks can be reliably obtained with
existing sensors.

* Conventional and specific CCV maneuver capa-
bilities are available.
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A brief discussion on the development of each of these
requirements follows.

The controller is to augment the basic aircraft
stability and in some cases, such as in the subsonic

region, provide artificial stability for a statically

unstable aircraft. In addition, it should provide the pilot

with control over motion parameters that are important for

(NP W W

the specific mission task of air-to-air gunnery.

In target acquisition and tracking,certain basic i
characteristics have been found to be advantageous. The f
main pilot task is precise pointing. The task can be broken a
into an acquisition phase and a fine tracking phase. Acqui- {

sition requires large roll and pitch changes. This trans-

lates into being able to pull onto the target rapidly, and
thus, the acceleration response must be fast and well damped.
Fine tracking requires precise attitude control which indi-

cates that the pitch rate response must be fast and well

damped. :

In conventional aircraft, the pitch and acceleration
responses are coupled, and this results in conflicting
requirements. Generally, a fast "g" response produces a
fast pitch rate response with large overshoots and low
damping. If the design emphasizes a fast and well-damped
pitch rate response, then it results in a relatively slow
"g" response. The actual design which is implemented is

usually a compromise of both responses, providing the best
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overall results. Direct 1lift provides the designer with the +
capability of altering this basic relationship. Pitch rate
and normal acceleration can be ''decoupled.'" In this way,

both responses can be tailored to provide fast well-damped

behavior within the direct 1ift capability limits. Once

these limits are exceeded, such decoupling is not possible.

The restrictions on surface position and rate
limiting are imposed at the preliminary design stage as
opposed to the conventional tendency for a new system to
include them later in the design cycle. This restriction
is established after a review of several applications of the
design technique. In those cases it has been apparent that
the exceptionally fast aircraft responses achieved were
developed through large and extremely fast surface movements.

A design is sought that results in surface activity
that does not encounter either of these limits. Running

into a position 1limit results in loss of decoupling and

prevents the required command from being reached. In cases
where the control system is providing artificial stability, ]
this results in loss of that stability. Rate limiting pre- i
sents a problem that is a little more sinister but just as

dangerous. Rate limiting is a nonlinear function that can 9

result in a significant increase in phase lag in a feedback
system. Such phase lag has been shown to cause loss of
control and divergent oscillations that can result in air-

craft loss for a full authority fly-by-wire system.

20
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It is interesting to note that in early multivariable
designs such as the CCV YF-16 (in which classical design
techniques were used), aircraft stability and control, and
basic flying qualities were provided by conventional control
surfaces with appropriate feedbacks. Additional surfaces
i were used to provide the direct force capabilities. Rate
or surface limiting of these additional surfaces resulted in
loss of the direct force function with less than the desired
2 responses, but augmentation was not impaired. Rate and posi-

tion limiting is important for the conventional surfaces and
ba such limiting is prevented in the design. In the current
multivariable designs, surface rate and position limiting is
an important consideration on all surfaces since the stabil-
ﬂ ity function, as well as the direct force function, is per-
- formed by the combination of all surfaces.

The desirability of controlling aircraft body rates
and accelerations becomes more apparent when considering the
» complexity of interface to the pilot. The multivariable
theory applied in this thesis allows as many independent

aircraft states or linear combinations of states to be com-

manded as there are control surfaces (inputs). For the AFTI

vehicle there are two longitudinal surfaces, and thus, it is

possible to control two system outputs. It should be noted

" )
;; that both must be commanded to some value even if that value R
S is zero. Suppose the command parameters are selected to be ]
4 angle of attack and pitch angle. In maneuvering flight, a

21
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pitch angle is not completely a longitudinal parameter. In

the case of a constant altitude turn, theta stays at zero.

e SR
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Additionally, how does the pilot know what value of these

a s
»

s

two parameters to command in order to perform the maneuver

. .

he desires? One answer is to develop a model of the air-

craft. Conventional pilot commands can be input, and the
resulting model parameters can provide the command inputs
to the multivariable controller. This requires that a
simple model must be developed which exhibits the response
desired of the actual aircraft. With the wide variation of

aerodynamic parameters, gain scheduling might be required

S e e ° U IR SN

= in the model. 1If the control system is to be tailored to
f the specific task, the model must also be tailored.
& ‘t, If pitch rate and normal acceleration are employed

for the command parameters, the problem can be eliminated.

B The pilot generally desires a specific 'g" level and a
corresponding pitch rate can be determined from the follow- ii
. ing relationship q = (1845/U)(An). The choice of rate *
and acceleration makes sense as far as reliability, availa- ;
bility, pilot preference, interface complexity, and work- ii

- load are concerned.

- The required reliability of a flight control system 3
.< \\1
- which provides stability and control augmentation is dis- i]
+

< cussed earlier in this chapter. Rate gyros and acceler- ’

ometers that sense body motion can be incorporated in the

flight control system design where redundant electrical

iy -4
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power and signal processing are available. They are low

enough in cost and size that multiple sensors can be used
for redundancy. Such redundancy considerations are not meant
to infer that selection of feedback signals is limited to
only rates and accelerations. It is to focus attention on
the careful selection of signals. In the F-16, angle of
attack is deemed necessary for use in the fiight control
system. A means of developing multiple independent and
reliable sources has been found. In addition, the F-16

uses four longitudinal accelerometers, four lateral acceler-
ometers, four pitch rate gyros, and four roll rate gyros.
These are reguired to meet mission reliability and failure
tolerance requirements.

Through several research and development programs,
the CCV control modes have been examined for usefulness in
combat scenarios. From this work, several of the modes are
selected for design applications in this thesis.

The first of these is blending of the conventional
maneuvering capability of the aircraft with the direct 1lift
function in the longitudinal axis to provide improved per-
formance. The decoupling of direct 1ift from aircraft
rotation can be used to tailor the aircraft response in a
conventional maneuver to provide optimum response for both
acceleration and pitch rate. Thus, the longitudinal design
is aimed at using direct lift and conventional aircraft

blending. Fuselage pointing holds promise for automatically
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§¢\ ;§f nulling small aiming errors during target tracking or in
obtaining a lock-on by the weapons system. The feasibility
of providing longitudinal fuselage pointing by commanding
O rates and accelerations is examined. Direct sideforce has
also been shown to be promising in air-to-air gunnery and
may have possibilities for air-to-ground bombing applica-
tions. It may also be useful for evasive maneuvering or
limited terrain avoidance maneuvers. Thus, it is selected
for the directional design. Conventional roll rate control
is selected for the lateral design. The controller design
being sought is to provide the above combination of uncon-

7i ventional and conventional capabilities to the aircraft.

Presentation Sequence

The material in this thesis consists of a description
of the aircraft chosen for the study in Chapter II. The
process of developing a model for the design, and the means
of validating such a model is also presented. Chapter III
ﬁ: contains a brief description of the multivariable design
theory developed by Professor Brian Porter of the University
of Salford, England. An important area of bounded stability
‘h is included. The design method and representative results
at selected points in the flight envelope are presented in
Chapter IV. A proposed design procedure is established.
Inadequacies of the design method as well as advantages are
discussed. The final design is evaluated in Chapter V against
several criteria and compared with current state-of-the-art
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designs. Conclusions are discussed in Chapter VI with
recommendations for future efforts. A complete set of aero-
dynamic and transformed aircraft model data is included in
Appendix A. Development of the equations of motion is
covered in detail in Appendix B . Controller responses to
the maximum estimated inputs to verify surface rate and
position limits are presented in Appendix C. The 1last

three Appendices document the three programs used in con-
junction with MULTI in the designs. The programs provide
methods to: (1) convert and transform aerodynamic data into

the form necessary for developing a state space aircraft

3 I WY W P W IGIRERE Y VW B < A SRR T

model; (2) calculate transmission zeros; and (3) determine

the closed-loop system matrix, The last program is useful

f T LI Y )

in obtaining both closed-loop roots and system transfer

anadiih

functions.
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II. The AFTI/F-16 Aircraft

Aircraft Description

The AFTI vehicle is a highly modified F-16 aircraft.
It has been changed to allow flight demonstration of the
benefits possible from the integration of advanced tech-
nology features. Among the advanced features selected for
demonstration are triple redundant digital flight control
computers, and a flight control system tailored to the spe-
cific mission phase. Tailoring has resulted in eight
separate control modes being implemented in the digital com-
puters with extensive gain scheduling to provide unprece-
dented performance. Asynchronous computer operation is
employed in which each of the three computers operates
independently in calculating the flight control laws. A
redundancy management system has been developed that uses
comparison monitoring of the three computers along with
internal self-test features to detect failed system elements,
and provides a two-fail/operate capability. This means the

system can withstand two similar failures and still continue

s dleatea I Sl i,

to operate.

AFTI's major external modifications to date have

PRETFET

been the addition of twin vertical canards mounted under

the engine inlet and the installation of a dorsal fairing
or "back pack' between the cockpit and vertical tail. The }
dorsal fairing houses avionics and instrumentation necessary *
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for the flight test effort. Although receiving an entirely
new flight control system, the original F-16 sensors are
retained. Body accelerations are measured at the pilot's
station by longitudinal and lateral accelerometers. There
are four identical sensors for each axis for redundancy.
The F-16 flight control system employs all four since it is
quadruply redundant. AFTI uses only three of these sensors
to provide essentially the same fail/operate capability as
the F-16. The fourth provides signals for flight test

instrumentation. Body rotational rates are sensed by rate

gyros located very close to the aircraft's center of gravity.

There are four identical pitch rate gyros, four roll rate
gyros, and four yaw rate gyros. In addition, angle of
attack is sensed by two fuselage side-mounted cones, as well
as, by a hemispherical differential pressure probe extending
from one side of the aircraft. Although sideslip angle,
beta, is not employed in the F-16, plans called for its use

in the AFTI system. The same type of conical sensors used

for angle of attack were to be installed to measure sideslip.

Unfortunately, a suitable location, free of airflow irregu-
larities around the fuselage, could not be found to provide
good sideslip information.

The aircraft is shown in the drawing in Figure 5.
The control surfaces used in this study are denoted by solid
black. These consist of two fully movable horizontal tail

surfaces which can be deflected symmetrically as an elevator
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Figure 5. AFTI/F-16 Control Surface Location
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or asymmetrically for augmenting roll control. Flaperons on
the trailing edge of each wing can be moved symmetrically to
act as flaps or asymmetrically as ailerons for primary roll
control. The canards are used for sideforce control. Sign
convention used in this study is also displayed in the
figure.

Longitudinally the unaugmented aircraft (no control
system) is statically unstable at subsonic flight conditions
as illustrated in Figure 6. The center of gravity (CG) is
located behind the aerodynamic center (AC) by design. The
difference between the CG and AC is generally measured in
percent of the mean aerodynamic cord (MAC). The figure
shows the aircraft to be approximately three percent unstable
subsonically. In the transonic region, the aircraft is
neutrally stable. Although stable at supersonic speeds,
there is also a reduction in stability when compared to
conventional aircraft. The unstable condition eliminates
the requirements for the elevator to continually develop a
down load in trimmed flight. The tail is actually adding
1ift to the aircraft. Because of this design feature, the
aircraft can obtain higher load factors and has reduced
drag. This translates into faster turn rates and longer
operational ranges. The unaugmented aircraft pitch angle-
to-elevator deflection transfer function for the 0.9 Mach
20,000 feet condition is shown below. It should be noted

that the short period roots of the aircraft are real, and
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Figure 6. Longitudinal Static Stability Plot
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one is unstable. This is the manner in which static insta-

bility is manifested.

a _ -24.06(s)(s+0.0126)(s+1.51)
ée (s+0.00757+£j0.0543)(s~-0.964)(s+3.222) (2.1)
Phugoid Short Period

In the lateral-directional axis, the aircraft has
very light dutch roll damping. This can be seen by examin-
ing the yaw rate-to-rudder deflection transfer function for

the aircraft computed at the 0.9 Mach 20,000 feet point.

r _ -5.81(s+0.323+j0.623)(s+2.482)
Gr (s+0.0272)(s+0.391+32.961)(s+2.697) (2.2)
Spiral Dutch Roll Roll

In its smallest sense, the control system design
must provide longitudinal stability and improve dutch roll
damping. In a larger sense, this is desired while providing
an aircraft control system combination that is of most bene-
fit to the pilot in performing specific tasks during a
mission. The task considered in this study is air-to-air

gunnery.

Aerodynamic Model

An extensive aerodynamic data package was developed
by the General Dynamics Corporation of Fort Worth, Texas,
for the AFTI/F-16 vehicle. The work was performed under
contract to the AFTI/F-16 Advanced Development Program
Office (ADPO) of the Flight Dynamics Laboratory. Wind
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tunnel testing in both low and high speed tunnels provided
data throughout the flight envelope for angle of attack
ranges of 90 degrees to -40 degrees and large sideslip
angles. F-16 wind tunnel data and flight test data were
used as a baseline for the package.

A General Dynamics program was used to obtain
linearized aerodynamic coefficients by trimming the aircraft
at various flight conditions and load factors. Aircraft
weight and inertias were also provided by the program. This
data is listed in Table 1 for the major design point at 0.9
Mach and 20,000 feet. A complete set of data for all the
points considered in the study is given in Appendix A. It
should be noted that by convention, the static derivatives
(Cma , CLa , etc.) are listed in units of per degree (1l/deg).

The dynamic derivatives, such as CLq , CL& , C , are listed

n
in units of per radian (1/rad). Also by conven:ion, the
aerodynamic derivatives are presented in the stability axis
while mass properties, such as moments and products of
inertias, and the position of the sensors, are referenced to
the body axis of the aircraft. Figure 7 provides a defini-
tion of the axis systems. The data must be converted to a
consistent reference frame to permit analyses to be con-
ducted.

For conditions where angle of attack is small, such

as in trimmed straight and level flight, the differences

between body and stability axes can usually be ignored. 1In
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Table 1

Aircraft Data for the 0.9 Mach and 20,000 Feet
Flight Condition

Aircraft Parameters

3 (dynamic pressure - 1bs/ftZ) = 552.113

S (wing reference area - ftz) = 300.0

¢ (wing mean aerodynamic cord - ft) = 11.32
b (wing span - ft) = 30.0

VT (trim velocity - ft/sec) = 933.23

W (weight - 1bs) = 21,018.0

Inertias: I_ (slug - £t°) = 10,033.4
2
I (slug - ft2) = 53,876.3
vy (slug - £ 2)
1, (slug - ft°) = 61,278.5
2y _
Ixz (slug - ft°) = 282.132
Aircraft Aerodynamic Coefficients in the
Stability Axis
a(deg) = 1.86
c. = 0.1262 |C = 0.0 < = 0.02377
m
() = 0.02481 |C_ (=1) = 0.001938 |C. (-1-) = 0.002636
CLG deg ’ m, deg ) CDa deg )
(L) = 0.009578 |C_ (+1) = -0.01209 (=1) = 0.000173
CL(S deg ) mg deg ) cD(S deg :
e e e
(=) = 0.01572 |C_ (=&) = -0.003280 (=) = 0.000351
C'I.. deg ’ m, ‘deg ) CD deg :
S S S
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Table 1 (continued)

3.1617

-1.3578

= -0.000442

-0.02205

0.05756

0.5576

0.002377

~-0.000088

-0.001708

0.001716

1 -
Cn (g = 23822
q
1 -
C,.G5g = -1.307
[o
1 -
cmu(ms—ez) = -0.00006
1
an(dTg 0.001675
1 _ )
C, (g = -0.005541
P
1 -
C, (&g =-0.2791
r
1 -
G, (@) = —0.001272
8
r
1 -
C, (gg) = —0.00016
$
a
1, _
Cns (gog) = ~0-000997
DT
1
Cna (G 0.001256
(64

0.00016

-0.001901

= -0.3512

0.02194

0.000331

-0.001804

-0.001816

0.00023
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stability analyses, it is often easier to convert a few
inertia terms into stability axis data than to convert all
of the aerodynamic derivatives into the body axis. Since
the characteristic equation and corresponding aircraft roots
are unaffected by this axis transformation, the determina-
tion of quantities such as short period damping can be made
in either axis system.

However, as is shown later, there are major draw-
backs to choosin,; the stability axis for design work. Con-
version of inertia data to the stability axis yields numbers
with no physical significance. 1In some cases, the converted
products of inertia are negative. Thus, valuable insight
into the mechanics of maneuvering flight needed by the design
engineer is lost.

In fighter aircraft, fast rolls about the body axis
at large angles of attack can result in unacceptably large
sideslip angles. The design problem is to use body-sensed
data in the flight control system to cause the aircraft to
roll about the velocity vector. 1In this way, alpha remains
essentially constant, and beta stays close to zero. If the
design is accomplished in the stability axis, which is
aligned with the velocity vector, rolling about the x axis
produces the desired results. The signal being fed back to
accomplish this is actually stability axis roll rate (a
quantity which is not usually available within the flight

control system). Thus, design in the stability axis can
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lead to problems in implementation unless extreme care is
taken. Designing in the body axis yields the same results
but requires the engineer to explicitly attack the problem
of obtaining an appropriate feedback signal. The signal
must cause the proper rolling action with the available
sensor information. As is shown later, this is usually
accomplished by using body axis measurements of angle of
attack, roll rate, yaw rate and side acceleration.

In this research, maneuvering flight characteristics
are of primary interest. In elevated load factor or high
"g" maneuvers, angle of attack can be a relatively large
value, and the difference between body and stability axes
becomes more significant. The body axis is chosen for this
design for two main reasons in addition to those given in
the previous discussions. First, the sensors providing
feedback signals are actually measuring body accelerations
and rates. Second, the pilot desires to control variables
that he actually feels which are body accelerations and
rates.

The transformation equations to convert to the body
axis are based on data from Reference 20 and are given in
Appendix B. The coefficients must also be dimensionalized
for use in the equations of motion. These calculations are
time-consuming and must be carried out for each flight con-
dition being investigated. To aid in the conversion and

transformation at a number of flight conditions, a computer
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program called Conversion And Transformation (CAT) is

Py

developed to perform the necessary mathematical operations.

it A

For the design effort, the equations of motion must
be written as state equations in the form x = Ax + Bu. ]
They represent a set of first-order differential equations.
This operation is also carried out by the CAT program. The

program's outputs are designated as primed derivatives.

it SR Rk

They are of the proper form to be directly inserted into the '

A matrix. The equations used in the conversion are presented

in Appendix B. The computer listing is given in Appendix D.
The states in these equations do not include accel-

eration. Additional transformations are manually performed

tttinti B ivedncion

to obtain a state vector that includes accelerations at the

pilot's station. The results of these transformations for
the four flight conditions are listed in Appendix A. An
example of the transformation method is shown below for the

side velocity equation.

b
V = 9— C_B + {c B+C p+C T} e+ C &
Vg g Yo vy, = 2Vp y(sa a

Cyd Gr + Cyd 6%]-rU + pW + gcosfsing (2.3)
r c

or

V= (Yg)8 + (Y )p + (Y)r + (Yda)aa + (Yér)Gr

+ (YG )Gc - rU + pW + gcosfsing (2.4)
c
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Dividing by U and letting 8 = V/U, 8 = V/U, and a = W/U yields
Y Y Y
Y, 5 5.

: Y . s Y
B = ()8 + (PIp + (D)8, + ()8

C r
r * g8 ¥ ()T

- r + pa + %cosesin¢ (2.5)
Also, let sin¢ = ¢ in radians and o = 0.0, which gives

.Y, Y Y ¥,
B = ()8 + ()b + (7 - Dr + (D),

Y Y
$ 8
+ e * (8 + (E5F e (2.6)

Redefining the coefficients yields

B = (Yg™)B + (Y ")p + (Y. ")r + (Ysa’)é

8 (X D+ (¥ e (2.D)

a

+ (YtS

These equations are simplified, and the restrictions
discussed in Chapter I are applied. The resulting states
represented by the simplified equations are pitch angle,
theta, forward velocity, angle of attack, and pitch rate in
the longitudinal axis and roll angle, sideslip angle, roll

rate, and yaw rate in the lateral-directional axes. In

;ij applying the restrictions, it is assumed that coupling

Q; between longitudinal, and lateral-directional axes can be
neglected. Although this is not entirely correct for a
high-performance fighter, the assumption is still generally

applied in preliminary design efforts in order to simplify

the problem. Exceptions are taken when necessary. Once a
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preliminary design is complete, it is evaluated in a simula-

tion with full nonlinear coupled equations of motion.
Unfortunately, such an evaluation is beyond the scope of
this research effort.

Acceleration at the pilot station is not one of the
resulting states in the equations available for feedback
design. Since this is a function which must be commanded,
the solution to this dilemma is found by using the following
relationships. The longitudinal force equation in the z

body direction can be written as

F = m(W + pV - qU - gcos6cos¢) (2.8)
z
cg
thus
cm .
A, = Ing = W+ pV - qU - gcosBcose (2.9)

cg

This is longitudinal acceleration in the z direction at the L

center of gravity. From Appendix B
" = Yy T
L) (Za)a + (Zu)a + (Zq)q + (Zu)AL + (Zde)de

+ (ZG )Gf - pV + qU + gsinbcos¢ (2.10)
f
Letting o = W/U and & = W/U , this becomes

a = [%] [(Z )0 + (2;)a + (Zg)a + (2,)8U + (ZGG)Ge

+ (Z5f)6f - pV + qU + gsinbcos¢] (2.11)
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Gathering the terms with o on the left-hand side of the

equation yields

Z-

G(1 - ) = g [(Za + (29 + (2,080 + (Z )6,

+ (Zé )Gf - pV + qU + gsinbcosd] (2.12)
f
7.
Note: 7% is extremely small and is neglected.
From Equation (2.9)
A, =TU( +py - qF - & cosecos) (2.13)

cg

and using Equation (2.12), gives

2

_ 1
A o U{(HZa + Z,a + Zy AU + Zg e + Zg,8f - pV

+ qU + gsinbcos¢)] + %¥ - %? - % cosfcosd} (2.14)

Simplification by cancelling terms yields

Azcg = (Za)a + (Zq)q + (Zu)u + (Zae)Ge + (Zaf)df (2.15)
Acceleration at the center of gravity can be
expressed as a combination of the available states previously

defined plus contributions from the control surfaces. At
this point, two methods of expressing acceleration in state

space format are apparent.
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The easiest and least complex method is to use the

previously developed X = Ax + Bu equations and form an

output equation y = Cx + Du where the output being sought

is acceleration. The contributions from the control sur-
faces are included in the D matrix. The state space model

has the form

8 o 0o o0 1 6| o o0
SN A S A wl | %o’ Xsr se
& zy" 2,7 2, 7 a Zo Zgs of
A | MyT oM MM [ a] | Mgt Mgy | (2.16)
— _‘ aa
A, o 7, Z, Z.||°® Ty Zeg se
cg
= +
q o o o 1 u o o0 5t
Q
a
L= (2.17)

Unfortunately, the design method used in this report
does not consider a D matrix. The problem is, therefore, to
develop the equations of motion with a zero D matrix but
with the contributions from the control surfaces included.
The method used in this design effort is to augment the A
matrix with the actuator states. In this manner an augmented
state vector is produced which includes surface deflection
as shown below. Using a first-order actuator transfer func-

tion model of [20/(s+20)] for both the elevator and
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flaperon surfaces results in the following equations.

{s _ 20
o e = g% 35) *Cemd (2.18)
;w Se(s + 20) = 20 6ecmd (2.19)
- §e + 20 Se = 20 Gecmd (2.20)
S sé = —
L Se 20 de + 20 5ecmd (2.21)
L
b - In a similar computation, the flaperon actuator
- model results in a first-order equation of §f = -20 &f
= + 20 chmd‘ The input vector u is now the actuator command
- instead of surface position as shown previously. The state
fi and output equations are
@ 1T T T T
] 0 0 0 1 0 0 6 0O O
u Xé Xu X& Xﬁ Xde X<Sf u 0O O
a _ Ze Zu Za Zq se Zéf o . 0 O Gecmd
q Mg™ M, M, M Mg" MgeT 1 1a 0 0 || 6fgg
se 0O 0 O 0 -20 O e 20 0
&f 6 0 o0 0 0 -20 ||f 0 20
(2.22)
.. AZ 0 Zu za Zq ZGe de T
| C€ | = [0 u o g Se &f]
' q 0 O 0 1 0 0 3
(2.23) 1
1
N i
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In this case, Az can be controlled as an output
cg
of the system without having a D matrix. Unfortunately, to

develop the output requires a combination of all but one
longitudinal state. At this point a transformation is
employed to provide AZ as a state in place of angle of

cg
attack. As shown earlier,

At Mgl gk Ban Sk gy 8

A, =2+ Za* 2+ 2 de + Ly 81 (2.15)
cg
[ ] I I
thus 0 1 0 0 0 o o |[s ]
u o 1 0 0 0 0 u
o Z Z 7 zZ Z a
Azcg ) u o o} de §f
q 0 0 0 1 o0 0 q
se 0o 0 0 0o 1 0 se
St 0O 0 0 ©0 O 1 sf (2.24)
z T X

a z state vector containing Az from the original state

z = Tx where T is a transformation matrix to develop

vector x. The complete set ofcgquations is transformed
using x = 1—15. Thus
x = Ax + Bu (2.25)
T™%5 = ar7lz + Bu (2.26)
2 = TAT 1z + TBu (2.27)
44
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= Cx (2.28)
y = CT 'z (2.29)

The output equation 1s actually not needed. It
gives the relationship for expressing the old states as a
linearized combination of the new states. Since interest
is in the acceleration as an output and a state, a new C
matrix is formed to allow using A as a feedback.

Acceleration at another pogﬁt on the aircraft other

than the center of gravity can be computed as follows:

Note: An = -Az (2.30)

Ay = Ay - (A )(pr - a) - (&)(rq + p)
cg

2

+ a0 +a® (2.3

where zx, zy, and lz are distances in the body axis from
the point to the center of gravity.

Since ly and Zz are much smaller than zx for the
AFTI veanicle and since the assumption is made that the
longitudinal and lateral-directional axes can be decoupled,
the equation reduces to
A = Ancg + (zx)d (2.32)
The units are ft/seéafor acceleration, feet for the Rx dis-
tance, and rad/sec for the rotational acceleration term (q).

In a simiiar manner, the lateral acceleration at a poin:
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other than the center of gravity is computed as

: 2 2
A=A - (2 )(pa - 1) - (L,)(p" + r7)
{ y Ye X y
S g
+ (1,)(ar - p) (2.33)
which, using the same assumptions, becomes
A=A + () T 2.34
g = Ay (2,) (2.34)

cg

Equations (2.32) and (2.34) are used to develop relation-
ships for acceleration at the pilot's station in the air-
craft. Since acceleration at the center of gravity is now
a state and the equations developed from the last transfor-
mation give q as a summation of the new state vector z, a
final transformation can be made to obtain accelerations at
the pilot's station for the z and y axes.

An example of the transformations at the design
points of 0.9 Mach and 20,000 feet is presented below for
the longitudinal axis. The complete transformations for
this point are given in Appendix B. For the other flicht
coaditions, only the final resulting state equations are
listed in the appendix in the interest or brevity. The same
transformation method is used in each case.

Using the primed aerodynamic coefficients from the

oy CAT program, the following state equation is developed.
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[ 1 r 0 0 0 1 0 0 } s ] ‘ro 0]
L j-n.ls;l -0.0120748 38.2418  -30.135 2.001 23087 | |v 1 |‘ 0o 0
s . \ -0.0011187 -0.000022  -1.4845 0.994780  -0.169227 -0.264924} )3 |, “ 0o 0| I‘Recmd‘k
ic’; ! 0.000308 -0.00013 4.27172  -0.777221 -24.0581 -6.47269 } q ‘ ! 0o 0 ‘Sfcmd:
| g 5 9 0 0 0 -20 0 | se| |20 ©
Lsé l_ 0 0 0 0 0 -20 } Léfl 0 20
(2.35)

From the unprimed dimensional coefficients, the T,

matrix is formed.

B 0 0 RS 0 o |
0 1 0 0 0 0
0 -0.0207687 -1385.34 -4.86336 -139.263 -228.57
27 0 0 1 0 0
0 0 0 0 1 0
‘tj? 0 0 0 0 0 1
| . (2.36)

Performing the transformation yields the following

state equations.

- r 4 -
[ ] 0 0 ] 1 0 0 ] 1 0 0
i
u -32.18 -0.01265 -0.02760 -30.27 ' -1.843 -4.0 U 0 0
]
A 2,311 0.001208 -1.469 ~-1381 ' 2904 4606 A, -2785 -4571 Gemd
]
. 8l cg
q 0.000309 -0.000194 -0.003084 -0.79221-21..1.9 -7.177 q + 0 0 8E g
Se 0 0 0 0 to-20 0 Se 20 [4
1
&f 0 0 0 0 ! 0 -20 114 0 20
L 4 L J L J L
(2.37) ;
i
1
bl
1
~—y
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Using the d expression from this state matrix in
Eq. (2.32) results in the expression for acceleration at the

pilot's station.

s
¢ |
An -An + [2x] [0.000309 -0.000194 0.003084 -0.7922 -24.49 77.[77] A '!
P [4°3 l'lg
q
Se
Lo J
(2.38)
where 2. = 13.95 ft (2.39)

X
With Eq. (2.9), an expression can be developed for

a using the states available after the last transformation.

Assuming pV =0 and ¢ = 0 results in

A, = W - qU - g cos? (2.40)
cg

Dividing by forward velocity, U, and letting

el
]
al=

gives

€€ =3 -gq - % cosH (2.41)

Solving for o yields

A

Zeg + coso
& = g Ug +q (2.42)

Expressed using incremental acceleration from 1g trimmed

flight, the equation becomes

& =—U—‘£+q (2.43)

The & equation is added to the state equations, and

a second transformation matrix T, is formed from Eq. (2.38).
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Thus,
il B 1
[a 0 0 0 0.001072 1 0 0 lo ]
6 0 0 0 0 1 0 0 8
a 0 -32.18 ~0.01265 -0.0276  -30.27 S1.843 -4.0 u
A - 0 2.311 0.001208 -1.469 -1387 2904 4606 A, |+
cg c8
q 1] 0.000309 ~0.000194 -0.003084 -0,7922 -24.49 =7.177 q
de 0 o0 0 0 0 -20 0 Se
5f 0 0 0 0 0 0 -2oJ 8f
and
M 0 0 0 ]
0 1 0 0 0
0 0 1 0
I, = |0 0.00043 -0.000271 1.043 -1.105 -341.64 -100.12
1] o 0 [} 0
0 0 0 0
0 0 0 0 0
L
The transformation results in
- _ - -
a o 0 0 -0.001027  1.001 0.3510 0.1029 |a
8 0 0 0 0 1 0 0 0
u 0 -32.18 -0.01266 -0.02646 -30.3 -10.88  ~6.649 u
A= [0 2 0.001801 -1.466 -1447 9188 6668 A+
. P p
q 0 0.00031 -0.000195 -0.002957  ~.7955 =25.5 ~7.473 q
be 0 0 0 0 0 -20 0 ge
éfj 0 0 0 0 0 0 -20 | [6f |

0 0 1
0 0
0 0 6ecmd
~2785 -4571 éfcmd
[¢] [
20 0
0 ZOJ
(2.44)
(2.45)
i 0 0 1
0 0
0 0
-9738 -~-6770 Se
cmd
0 0 éfcmd
20 0
[} 20
J
(2.46)
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and the output equation is:

Az 0 0 010 O O

P| -

[o 0 uA, qsest)”
q 0 00 01 0 O p
(2.47)

The transformation to acceleration at the aircraft
center of gravity is performed as an intermediate step at
which point the a equation is added. The same results are
obtained by writing the o equation twice in the original
system equations and forming a combined transformation matrix
to directly obtain acceleration at the pilot's station from

Egs. (2.15) and (2.32) as fcllows:

AL = A+ zx(Q) (2.48)

p cg

and

A = -A =-2a-~-2q-2u-2, 8 -2, .8°F (2.49)
ncg zcg ] q u Se §f

Both An and q are expressed as combinations of the
cg
original state variables and can be combined to yield:

Anp = (L,Mg7)0 + (& M 7 - Z )AU + (R M~ - Z )a
(M7 - 2a (M T - g ) e

+ (Zstf' - ng)éf (2.50)
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Thus,
- - -
(o ] 1 0 0 0 0 0 0 a
8 0 1 0 0 0 0 0 8
u 0 0 1 0 0 0 0 u

A =10 (zxMB) (lxMu _Zu) (f'xMa —Za) (Qqu _Zq) (p“xMc’Se —Z(Se) (lxMGf -ZGE) a

q 0 0 0 0 1 0 0 q
Se 0 0 0 0 0 1 0 Se
S8f 0 0 0 0 0 0 1 Sf
)L J L7
(2.51)

This method is used on all subsequent transformations
to develop pilot station acceleration as a state. In either
method of arriving at this final state vector, the addition
of the a equation results in a transmission zero at the
origin. The significance of transmission zeros is discussed
in Chapter III. This does not affect the designs that are
developed. They are evaluated with and without the a equa-
tion. Transfer function checks show that with the inclusion
of the & equation both a pole and a zero are added to the
system at the origin. This pole-zero combination cancels
and contributes nothing to the output responses.

The equations are modified to have states, inputs
and outputs in convenient units such as '"g'" for accelera-
tions and degrees for surface deflections. In the resulting
system equations, the B matrix is partitioned as shown

below.
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o 0 0 ] [~ ]
0 0
0 0 By
B = -9738 -6770 =

0 0

20 0
0 20 22

B | B ] (2.52)

The row dimension of B, is equal to the number of inputs or,
in this case, surface commands. Thus, it is always a square
matrix. For the design work, the system is transformed once
more so that 51 is a zero matrix. Such an arrangement is
hereafter referred to as the zero—B2 form. Although not

necessary for application of the design principles, this

conversion is accomplished for the following reasons.

First, a knowledge of the location of transmission

zeros of the system is desired. A relatively simple and .
reliable means of calculating transmission zeros is avail- !?

able for systems in the zero-B, form (Ref 6). The method of

computation of transmission zeros is discussed in Chapter ;i
I11. This method is computerized using macro programming of 1
» the TOTAL program. A listing of the macro program is .
included in Appendix E. ]

The second reason is based on a previous unfortunate

S . ey
-

implementation of the design equations in the MULTI program
which has been corrected at the time of this report. The o

problem is discussed in Chapter IV after the design

|
=
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equations are presented in Chapter III. With the original
MULTI program, the design obtained without this last trans-
formation results in a system that is not adequately
decoupled to meet the design objectives.

A note of caution is necessary at this point. Trans-
formation to the zero—B2 form results in a new set of states.

Unfortunately, pilot station acceleration is altered by the

transformation. Since this is one of the states to be used

for feedback, the design implementation is unduly complicated.

With the modified MULTI program, the same design results can
be obtained without transformation to this form. It is
advantageous to design with An and A as states and to
transform the final design onlg to checﬁ for transmission

zeros which are not altered by such transformations.

Validation Methods

One major concern in the development of the linear
models for multivariable designs is the complexity of per-
forming multiple conversions and transformations. Each
operation can become a source of errors. Validation of the
final model as a true representation of the aircraft becomes
a paramount issue. Such validation is handled in the follow-
ing manner.

The linearized aerodynamic data obtained from General
Dynamics are checked for reasonableness of coefficient

values. Any discrepancies are checked with the nonlinear
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data plots available in the AFTI/F-16 ADPO. All discrep-
ancies are resolved with the help of ADPO engineers.

The linearized data is used as input for the Trans-
fer Function Program (TRANSF). This is an ADPO program
that is available at AFIT. The program allows direct input
of the data and provides stability axis transfer functions
for each aircraft state to surface input. These are open-
loop or unaugmented aircraft transfer functions. The
results are compared with known aircraft data developed by
General Dynamics such as longitudinal static stability and
dutch roll damping at each flight condition.

Since linear transformations do not change a system's
characteristic equation, this provides a general test of
each transformation in the development of the desired state-
space model. In addition, the transformations are hand
calculated for one case and used to check each computer
operation. The actual sequence consists of using the CAT
program to go from nondimensional coefficients to dimensional
body axis ''primed" derivatives for the A matrix. The system

states available at this point are shown below.
[ g™ o]

and E(Lat.—Dir.) =

r (2.53)
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The A matrix is then augmented to include the actu-

ator states assuming a first-order actuator. The state

]
4
]
1

vectors are now

) ¢
u B
o} p
x(Long.) = x(Lat.-Dir.) =

q r
se Sa

L of | ér

| sc | (2.54)
This system is then transformed to include accelerations at d

the center of gravity as previously discussed and finally
transformed to acceleration at the pilot's station. The last

transformations have replaced angle of attack and sideslip

with longitudinal and side acceleration. Both angle of
attack and sideslip are important parameters to monitor in 4
maneuvering flight. To allow this, two new equations are i?
added that express alpha and beta as a combination of the
existing states. The final resulting state vectors are

shown below.

RPORH SO v T S P
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8] Ay

p
x(Long.) = Anp x(Lat.-Dir.) = p
a r

de Sa

| S§f | Sr

| Sc | (2.55)

The TOTAL program is employed to perform the above trans-
formations. System transfer functions are checked after
every transformation. The transformations can be combined
to simplify the effort. This is also done for each of the
other flight conditions. Finally, prior to design, the
state model is altered to provide the states, inputs, and
outputs in convenient units. Accelerations are expressed
in "g'" units; rates are given in degrees per second; angles
and surface deflections are in degrees; and velocities have
units of feet per second. Transformation to zero-B, form

2
is accomplished and results in the following set of states.
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b3 x(Long.) = Anp t Kple * Kyof
q

E Se ]

h L ST | (2.56) i

L 1

o 1

\'-" A

- _ _ b

. B 4
i

Ay + K16a + Kzsr + K36r

g}

X(Lat.-Dir.) =

WORET . T ORIP PR W R

(2.57)
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ITII. Multivariable Control Law Theory

Overview
The designs 1n this thesis are the result of the

application of control law methods developed by Professor

Brian Porter of the University of Salford, England. The tech-

niques are presented in Reference 6. This chapter provides a
summary of the techniques used in the design of high per-
formance tracking systems for aircraft control. It also
includes a discussion of important facets in their applica-
tion. The theoretical discussions cover the discrete case
and the corresponding continuous design equations. This
approach is taken because, although the designs are for a
digital implementation, the insight and experience with

continuous design principles can be used effectively. The

methods are essentially identical for continuous and discrete

designs. It is often more meaningful to consider the
s-plane root locations and migrations as opposed to z-plane
analysis. For those cases where the continuous methods are
employed, it should be kept in mind that sampling effects
and discrete time delay must be examined prior to design
acceptance.

The plant to be controlled is described by first-
order linear differential equations written in state-space

format:
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X = Ax + Bu (3.1)
y = Cx (3.2)
where
A = the continuous-time plant matrix (n x n)
B = the continuous-time control matrix (n x m)
C = the continuous-time output matrix (p x n)

The dimensions are defined as n being the number of states,
m the number of inputs, and p the number of outputs.
The A, B and C matrices are partitioned to yield

thke following equations:

]
X A1 5121 Xy 5
..... = —._..___.i._———— — - + — B
1
X3 A21 1 522‘] f20 |2 (3.3)
| -}51
L = (o8] i Sy ]
X2 (3.4)

§2 is a square matrix with a row and column size
equal to the number of inputs in the vector u. C, is also
square with the number of rows al.d columns equal to the
number of outputs. The designation of "inputs'" for the air-
craft model usually refers to the control surfaces, such as
the elevator or rudder, available to command changes in the
aircraft states. However, in designs where the A matrix is

augmented with surface actuator states, "inputs'" denote the
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surface actuator input commands. Outputs are states or
combinations of states of the aircraft such as angle of
attack or pitch rate.

A requirement of the design method is that the num-
ber of inputs must equal the number of outputs, thus §2 and
C, have the same row and column dimensions. A,, 2lso has
the same dimensions. Knowing these dimensions allows the
system matrices to be easily partitioned as shown above.

Two design methods are applicable to the aircraft
under study using the regular and irregular designs. The
design method used is determined by the type of plant being

considered.

Regular Versus Irregular Design

To be considered as a "regular” plant, the matrix
representing the first Markov parameter, [CB], must have rank
equal to the number of outputs. Since C is of order
(p x n), and B is of order (n x m) with p=m, [CB] is a
square matrix and must have full rank to fulfill the require-
ment of a regular plant. The gain matrix for feedback con-
trol is formed using the inverse of [CB]. This cannot be
accomplished without full rank.

Plants in which the first Markov parameter, [CB],
is rank deficient are designated as "irregular.'" To allow
the design to be accomplished, an F matrix is formed as

shown and used in place of the C matrix:
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F=1E 1 Fy] (3.5)
where

Fy=1 C, + MA ;] (3.6)

Fo = [ Ly + MAy, ] (3.7)

The elements of the measurements matrix M are selected to
obtain a matrix [FB] having full rank and thus being
invertable.

The control law is a proportional plus integral out-

put feedback law expressed as:
u(kT) = (1/T)[Kye(kT) + K z(KT)] (3.8)

where
1/T is the sampling frequency

EO is the proportional gain matrix for the error
signal e(KkT)

K

K, is the gain matrix for the backward difference of

the error signal, which is designated as z(KT).

For the continuous case, the law is expressed as

u = g(Kge + K,/e dt) (3.9)

g is the forward path gain
50 is the proportional gain for the error signal

51 is the gain for the integral of the error signal.
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A block diagram of the system with this control
law is presented in Figures 8 and 9 for both the continuous
and discrete cases. The portion in broken lines is present
only for irregular designs.

The gain factor in the figure is the sampling fre-
quency (1/T) for the discrete system or a gain constant (g)
for the continuous system. For the regular design the
error vector e is expressed as e = v - y. Each command
in the v vector is summed with its correspcnding output
element in the y vector and is the input for the proportional
plus integral gain paths. Thus, there exists a bank of
integrators, one for each error signal developed. These
integrators insure that the error signals are always driven

ﬁ to zero, resulting in the final value of the output equaling

the input for step type commands.

In the irregular design the e vector is defined by
e=y-¥ (3.10)
where
W=y + Mk (3.11)

These outputs w are developed with the measurement matrix M
and the derivatives g of the system states. Again for step
inputs, the error signal is driven to zero. Rates of the

system states also go to zero and, as before, the resulting

output equals the commanded input.
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At this point, the question of ''do the state deriva-
tives always go to zero as desired" must be asked. The
answer is a qualified yes. For step commands to the system
in which the outputs are states or linear combinations of
states, the derivatives go to zero with one exception.

This is precisely the reason for the large effort in this
study developing state representation for quantities that
are to be commanded. By establishing acceleration and

pitch rate as system states, these quantities can be com-
manded, and for step inputs, the derivatives of the quanti-
ties go to zero in steady state. The exception concerns the
situation in which one of the state derivatives is set equal
to a state that is to be controlled. If the state is com-
manded to a constant value, the derivative reaches this
constant value in the steady state. For example, consider

a longitudinal design where, due to simplifying assumptions,
the rate of change of pitch angle 6 is set equal to body
axis pitch rate q. It is assumed that q is a state of the
system as well as an output. If it is desired to command

a step in g, the state derivative 6 will eventually reach

a constant value. This situation is one in which Lhe systiem
has a transmission zero at the origin. The significance of
transmission zeros is discussed later in this chapter. For
the time being, it is asserted that this situation provides
an acceptable design if the measurement matrix elements are

chosen so the system does not feed back the 6 state derivative.
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Output Feedback and the M Matrix

One of the major advantages of this design method
is that it uses output feedback. Thus, all the states of
the system are not required to be fed back for the design.
The outputs are usually quantities of interest that are
easily measured by existing sensors. Unfortunately, a
measurement matrix is needed for all but the simplest design
cases encountered. A number of points must be considered
in selecting this measurement matrix as discussed later in
this chapter. One such point relates to output feedback and
is examined at this time.

It is important to select matrix elements that cause
state derivatives to be fed back which can be either measured
or derived from existing measurements. If this cannot be
accomplished, the alternative is to form the derivative
according to the state equation. In general, most of the
derivative state equations involve combinations of essen-
tially all the system states. Thus, to develop the proper
state derivative, full-state or essentially full-state feed-
back is needed. This eliminates the tremendous advantage of
output feedback and is avoided for design applications in
this report. For the designs considered here, elements in
the measurement matrix are selected to result in rotational
accelerations being used as the rate derivative signals to
be fed back. These signals are available from an inertial

measurement system; however, such an approach for obtaining
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rotational acceleration is not recommended due to reliability
considerations. The technique selected for this study is as
follows: considering the longitudinal case, q is selected
as the derivative to be fed back as shown in Chapter 1IV.
Equietion (2.48) from Chapter II is repeated below:

A =4 + (2,04 (2.48)

Bp Deg

The acceleration at the pilot station, An , is
sensed by flight control accelerometers. Acceleration at
the center of gravity, An , can also be sensed by another
set of flight control accg%erometers. Using the above
expression, a reasonably good approximation of q can be
developed for use in the system. This same technique is used
in the lateral-directional design.

Movement of the CG during flight introduces errors
into the results. The CG variation in the x-body axis is
apﬁroximately one percent of the MAC or 1.1 feet. Another
source oi error exists in the simplification used to
develop Equation (2.48). Roll rate can be relatively large
on the aircraft and may have to be considered in developing
an expression for d using Equation (2.31). Time was not

available in this study to evaluate the effects of such

errors.
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Asymptotic Characteristics

For the design shown in Figure 8, as the gain factor

increases, the system transfer function G(s) = C(sI - é)—lg
assumes the asymptotic form
L(A) = F(x) + T (3.12)

where
i(x) is the "slow'" transfer function matrix and
i(x) is the "fast" transfer function matrix.
The poles of these transfer functions fall into three
y4

groups designated 2Z and 23. The slow modes correspond

1’ 2
to poles contained in Z1 and ZZ' As gain factor increases
towards infinity, the poles of Z1 become uncontrollable and
the poles of Z2 become unobservable. As this happens, the
system response is increasingly dominated by the fast modes
which correspond to the poles Z3. Expressions for the
asymptotic modes are given in Table 2.

As the gain factor is increased, tracking of the
system's output to input commands becomes increasingly
"tight." Reference 6 shows that with only moderate increases
in gain factor, the output resembles an extremely fast first-
order response. Although the dominant finite (fast) roots
can be made complex, much of the experience to date has been

with real roots.

The gain 50 is chosen such that

CBKo = diagonal { 0y, Og, ++- C } (3.13)
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Equation (3.13) is used to calculate the proportional gain

matrix K,. The elements of the I matrix, which is selected

e b

as a diagonal matrix, are chosen by the designer. These
values determine the respective gains or the weighting of

each error signal on the control surface or the system

[P 7 W SR

input being commanded by the control law.

_ -1
K, = [CBI 1 (3.14)

The integral gain matrix 51 is often determined by a scalar

multiplication of the K, matrix.

(3.15)

PR TN N

The system transfer function G(s) approaches a

q}, diagonal asymptotic form of increasingly noninteracting

b

control. Thus, the output responses become decoupled as gain

increases. The asymptotic closed-"oop transfer function of

the digital system has the form:

91 Og %n )
A-1+0,’ A-1+0,’ 77 A-=-1+0
1 2 n

(X)) = diagonal { (3.16)

For the continuous system, the asymptotic transfer function

has the form:

€04 g0qg €0n
A+g01’ A+go2’ T A+g0n

T()) = diagonal { } (3.17)

For the irregular plant, the above equations are

applied by replacing the C matrix with an F matrix. The
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component 91 is replaced by gl and 92 is replaced by 22 as
calculated in Equations (3.6) and (3.7).

In the equations in Table 2 , the gain values EO
and 51 are the same as those developed from the equations

that are not in zero-B, form. This is because

2

[CB] = [C,B,]

The asymptotic closed-loop system roots can be cal-
culated from the equations in Table 2 and are composed of

the sets Z Z2 and 23. In the 1limit as gain approaches

1°
infinity, the following rules can be used to estimate root
locations in the s-plane.

The Z1 finite roots are m in number and equal to the
ratio of integral to proportional gain values. The 22
finite roots are n-m in number and located at transmission
zero locations.

The Z., infinite roots are m in number and for the

3
continuous case they are located at a position on the real
axis equal to -804 where g is the gain factor and oy is the
respective weighting element selected by the designer in

the £ matrix. For the discrete case the roots are located

at 1—oi and are located near the origin.

Transmission Zeros

Transmission zeros are considered as regions in
either the s-plane or the z-plane. These regions are asymp-
totic locations for certain finite or slow roots of the
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system. Output feedback does not alter the location of

transmission zeros (Ref 8). Such locations may coincide

with conventional single input/single output transfer func-
tion zeros, or they may simply be regions in the plane that
attract finite poles. Since the basic system transmission
zeros cannot be altered by the controller design and since }
infinite gain cannot be used, the location of roots migrating .
towards these zeros does produce an effect on the system
response.
f? Designing for a system with an unstable transmission
N zero is possible, but it means an upper stability limit I
must be established. Operation is possible only below that
'Lf limit. Increasing gain eventually results in a pole migrat-
c!' ing to the unstable location.
Using the zero—B2 form, transmission zeros can be

calculated from the equation in Table 2 where Zt = Z2.

Although they cannot be altered by output feedback, trans-

Atk lininlonfami.

mission zeros can be changed in two ways. First, should the
Y location of transmission zeros of the system be unacceptable,
it is sometimes possible to select another C matrix that is i
- acceptable for the design and yields different zero loca-

tions. Second, the measurement matrix modifies the trans-

.’

mission zeros, and it may be possible to alter the matrix
elements to give both acceptable performance and acceptable

transmission zero location.
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Measurement Matrix Elements

Some guidelines are available for the selection of
the measurement matrix. Reference 9 presents a systematic
approach to their selection for optimum decoupling. In
addition, the following suggestions are offered:

1. make the measurement matrix as sparse as possible
adding only enough non-zero elements to yield an F matrix
and an [FB] matrix of full rank;

2. select values for the non-zero elements that
give acceptable transmission zeros. In most cases, the
values of the measurement elements result in transmission
zero locations that are equal to the reciprocal of the
element value. However, cases are encountered in this design
effort in which this rule does not hold. This usually
occurs when more than the minimum number of elements is
specified. In these cases, the macro program in Appendix E
proved to be a necessity in selecting proper elements; and

3. select the location of the non-zero elements to
use a state derivative that can be easily obtained and is

zero for steady-state step commands as discussed previously.

Closed-Loop Roots

The design technique does not guarantee stability of
the system unless it has stable transmission zeros and
infinite gain. Even with stable transmission zeros, the
root migrations can cross into the unstable region as the
gain increases, and then return to the stable transmission
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gain to do the job and being unfamiliar with the effects of
design parameter variations on the system, it is desirable
to be able to evaluate the closed-loop system roots for each
design.

The equations for computing closed-loop roots are
presented below. They are given for both the zero—B2 and
non-zero-B2 formats. The zero—B2 format solution is mech-
anized using macro programming of TOTAL. A listing of the
program and instructions for its use are given in Appendix F.

Partitioning of the A and B system matrices is
accomplished as before to yield B, and A,, of order (m x m),

where m is the number of inputs.

ré11 i L3P —§1~

X =|----- $----- x + |--—-|1u

Ar E Ao By (3.3)
z=191i921§ (3.4)

or

Xy = AjyX; + AjpXy + By (3.19)
Xy = Ap Xy + AjoX, + Byu (3.20)
Y = Cyxy + Coxy (3.21)
e =yv-y and u-=gKje + gK,Jedt (3.22)
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‘Q
N let z=¢e and z = fedt (3.23)
~’ .
’ then zZ=v-y (3.24)
3
g 2= -Cixy - Coxp + ¥ (3.25)
-

u = gKoz + gKiz = gKo(-Cy%y - Cox, + V)
~
N + gKyz (3.26)
~
‘ u= - K0C151 - g§092§2 + gKov + gglg (3.27)
Vi
; Xy = 431X * AppXy - ByeKCyX; - ByeKoCox,
¥ + BigKyv + BygK,z (3.28)
Xy = (837 - B48KyCy)xy + (475 - By18KHC)X,
- ” + (BygK,)v + (B;gK,)z (3.29)
» Xy = 81Xy * AgpXy - ByeKaCyXy - BpgKpCoXy
Y + BogK,Vv + BygK 2z (3.30)
A Xg = (831 - BpgKnCylx; + (435 - BygKyCo)xy
: + (BygK,)Y + (B,yeK,)z (3.31)

Writing Equations (3.25), (3.29) and (3.31) in

matrix notation provides the description of the closed-loop

2~ 2 2% s

system where v is the input command vector to the control

system.
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Note that z is a vector of dimension (number of inputs) x 1.

l'l‘l;--l‘-.ll "..A'_: .

For irregular designs replace C; and C, with F,; and F,,
respectively.
N Some caution should be exercised in using these

closed-loop equations. For the digital system, the control

; is piecewise continuous between samples and thus, by letting
i 1/T = g , these equations can be used to evaluate stability
5 in a general sense. However, the effects of sampling such

2 as quantization and zero order hold are not considered.

43 . Also, in any system using a real digital machine, such things
5 ” as the computational time delay, harmonics generated by

E sampling, and the apparent rate limiting due to maximum

,ﬁ sampling speed can cause instabilities. These effects are

< not considered in these equations. Nevertheless, the compu-
; tation of the closed-loop roots provides an understanding of
; the effects of design changes on the system and can be the

B basis for realistic stability checks.

MULTI Computer-Aided Design

)
The MULTI program was created by previous AFIT a
thesis research (Ref 10) and allows real-time computer-aided

.: designs to be accomplished with the control law theories

presented in this chapter. A users' guide is presented in
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Reference 10. This design effort would have been impractical
without such a package, along with the TOTAL program.
Iterations and refinements are necessary as the design
progresses. Time response data provide the basis for

design decisions. The program allows on-line design changes
and provides response plots to defined command inputs.

There are several differences between the MULTI
program computations and the theoretical equations presented
in this chapter which must be pointed out.

In the computation of the gain matrices, a number of
fiexibilities are provided. The actual MULTI computations
are shown below.

For the regular design case:

3 e IcBl 1t (3.33)

X

s
I

L= ¢ [cB1 L (3.34)

Both o and £ are scalars, and o is used to set the ratio

of proportional to integral gain. Unfortunately, it is

the inverse of the usual method of varying this relation-
ship. € is a scalar that can be psed to change all the

gain elements by any desired amount. For the digital design
case, this proves useful for cases where the sampling fre-
quency has been fixed by other design considerations.

The system response can be altered by increasing e, result-

ing in the same effect as increasing 1/T.

..............
------------- - LI - o« L - e
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For the irregular design:

- = -1
Ko =a e [FyByl " (3.35)
K, = ¢ [F,B ]-12‘. (3.36) '.’
=1 =2=2" = )
It should be noted that the [FB] matrix must be used for d
the calculations if B is not in l':g] form. )
=2
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IV. Philosophy and Details of the

Design Method

Requirements

The following requirements must be satisfied in
applying the design method:

1. The number of inputs must equal the number of
outputs.

2. The system must be controllable and observable.

3. All transmission zeros must be stable.

4. Integral plus proportional control is applied
to all forward loop signals.
Each of these requirements is considered in detail in the

following paragraphs.

Inputs and Outputs

The "inputs'" refer to the number of controls that
can be commanded to alter the aircraft's states. These are
inputs to the aerodynamic (plant) model. For the AFTI/F-16
longitudinal case, the inputs consist oi the flaperon and
the horizontal tail (elevator) surface positions. For the
lateral-directional case, they are the canard, aileron and
rudder surface positions. These are designated by the u
vector in the system equation. The "outputs" are the vari-
ables contained in the y vector and are the responses which

are to be controlled. The outputs can be states of the
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}E -, system or linear combinations of states. For this study,
‘ﬁé two sets of outputs for the longitudinal axis are considered.
The first set is angle of attack and pitch rate. The

second set consists of normal acceleration at the pilot's
ilf station and pitch rate. The lateral-directional outputs are
e chosen to be side acceleration at the pilot's station, roll
rate, and yaw rate. An explanation of this selection is

- given in the design procedure section.

S For each aircraft response that is to be independently
'5§ controlied, a separate surface must be available. This is a
2 requirement for a decoupled response and is independent of
i the design method. For a conventional pull up, only one
surface is employed, the elevator, and the pilot has inde-
e pendent control of one aircraft state, normal acceleration.
The angle of attack and pitch rate, which are developed,

‘ﬁ} are directly related to the normal acceleration being

; commanded. In order to independently control both accelera-
oo tion and angle of attack for a decoupled response such as

. Direct Lift, the use of an additional control surface, the
h . flaperon, is required. A direct 1lift force can be developed
L with the flaps without rotating the aircraft, since the
moments generated Yy the flaps are balanced by the elevator.
Thus, to enable control of two outruts (responses), two

iw inputs (surfaces) are required. This holds true for the

53 multivariable techniques employed in this thesis. The pro-

cedure for selection of the proper commands for each control

:.j'.. 81
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fﬁ% S parameter in order to perform specified maneuvers is dis-
< cussed in detail later in the chapter.

N Controllability and Observability

-

N Controllability and observability are properties

of the state-space representation of a system. Controlla-
bility implies that the inputs can affect each mode of the
system. For a time invariant linear system, controllability
can be checked by evaluating the rank of the controllability

matrix M, (Ref 11) where

Rank M_ = Rank [ B AB ... A"!B] =n

Observability implies that the outputs are affected
by every mode. It also implies that the effects on the out-
puts of one state variable can be distinguished from the
effects of other state variables. For a time invariant
linear system, this property can be determined by evaluating

the rank of the observability matrix Mo’ (Ref 11) where

T
Rank M_ = Rank [ T A'C' ... A (* DT

Controllability and observability are evaluated for
each design. This is accomplished by employing the CESA
(Ref 12) computer-aided design package available as an AFIT
program on the CDC6600 system. In cases where the criteria
are not met, the system model is redefined until controlla-

bility and observability are achieved. The majority of the
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cases under investigation are found to be controllable and

observable.

Transmission Zeros

As discussed in Chapter III, transmission zeros of
the system are considered as regions toward which system
roots migrate with’increasing gain. As gain approaches
infinity or sampling time approaches zero, the affected
roots asymptotically approach the transmission zero Ja-— u

tions. Output feedback does not alter transmission . .us.

In the strictest sense, it is desired that all such -

be stable in order to insure system stability with high gain.
Such a selection does not guarantee stability for all system
gain values since the locus of system roots may journey into
the unstable region before arriving in the vicinity of the
transmission zeros. Thus, for stable transmission zeros,
stable operation is only assured for gain values approaching
infinity. A controller design for a system with unstable
transmission zeros can be developed with these techniques,
but in such cases an upper gain boundary is established to ;

prevent system roots from moving into the unstable region. I

Thus, the restriction is not absolute; however, failing to 1
meet it does impose additional design considerations.
For irregular designs, when CB does not have full
rank, additional transmission zeros are introduced by the
measurement matrix M. These can be altered by changing the
matrix elements. If the measurement matrix is very sparse,
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the location of the additional transmission zeros in the
s-plane is the inverse of the values of the elements in the
-1f measurement matrix. Thus, a 0.25 element in the measurement
matrix produces a transmission zero at -4.0 in the s-plane.
This simple relationship breaks down as the number of
B measurement matrix elements increases. Reference 9 provides
- a guide to the selection of the measurement matrix. A com-
puterized method to directly calculate the transmission zero
3 locations is developed using equations from Reference 6 and

macro programming of TOTAL. The program is discussed later

— in the report and is listed in Appendix E.
At this point the concept of global stability is

;{§ considered, and its influence in the design method examined.
: Q Global stability or '"bounded input-bounded output" stability

implies that for any and all bounded inputs to a system, the
15 outputs are also bounded. Because of the assumptions made in
the equation development, controlling angular rate and
\’ acceleration results in the existence of a transmission zero
fi' at the origin. This is one of the major reasons previous
)% efforts have not pursued rate or acceleration controllers.
As discussed previously, controllers of this type are desired
for fighter aircraft, and classical experience shows that
such designs perform very well. The question that must be
answered is, '"Is global stability necessary?'" By carefully
;; considering the dynamics of a maneuver, the answer is a

resounding no. For example, the transmission zero at the
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origin results in an unbounded pitch attitude (8) response :
for a bounded pitch rate (q) input. This is exactly what is 1%
sought. For the simplified equations, the pitch angle is .
the integral of pitch rate, and thus a pitch rate step com-

mand should cause the pitch angle to ramp to infinity. For

all other conceivable inputs, this is the only "unbounded

output." The integration due to a pole located exactly at
the transmission zero causes the unbounded output and is
both predictable and desirable. In conventional fighter
aircraft, a step change or bounded output of pitch attitude
is manually obtained by the pilot developing a pitch rate
and then reducing it to zero through the use of a pulse
input.

In conclusion, for this application to the aircraft
control problem, a transmission zero at the origin is not
only acceptable but highly desirable. The system is con-

sidered conditionally stable, and such stability is appro-

priate for the designs under study. In all cases, any insta-

- bility encountered during the design work is investigated to
) define its cause. Also, gain and phase margins are estab-

E' lished for the system which must be met both analytically

_f and by test of the actual implementation. This approach

is used for classical designs, and the military specification

governing control system design, MIL-F-9490D, establishes

such margins for a system. Those margins are adopted for

use in this investigation.
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It is of interest to consider ''guaranteed stability."
Much has been said in the literature about control design
methods that guarantee stability. If a set of conditions is
met, then the system is always stable. Such a guarantee has
been espoused as a major advantage for designs developed by
linear quadratic methods (either the deterministic LQR or
the nondeterministic LQG approach). In these approaches,
the stability is ''guaranteed" only for full state feedback.
Such full state feedback is almost impossible to implement.
States not contributing significantly to the response are
generally eliminated to arrive at a practical design. 1In
additigq, a model of the process to be controlled is devel-
oped for design. As long as the model and process are
exactly the same, and assuming full state feedback, stability
is guaranteed. For aircraft applications, such models are
only approximations to the real aircraft. Stability is not
guaranteed for processes which do not exactly match the
design model.

Early in a design cycle, such ''guaranteed stability"

is useful since the engineer does not have to continually

check stability margins for each proposed concept. However,
at this point the models are usually very simple, and an
evaluation of stability is not a difficult task. Later in
the cycle, when the full plant is considered with its

inherent nonlinearities, stability checks must be made

irrespective of any implied guarantee. The advantage of
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RS% guaranteed stability is more an academic nicety than a
practical design benefit. For any realistic flight control
application, gain and phase margins are specified, and testing

is accomplished to prove compliance.

Integral Plus Proportional Compensation

The requirement of integral plus proportional con-
trol on all forward loops is not considered a severe
restraint. In fighter aircraft applications, integral plus
porportional compensation is generally used in the pitch
axis for the primary variable controlled by the pilot. For
aircraft such as the F-16, this variable is normal accelera-
tion. Pitch rate and angle of attack are fed back to tailor
the response and to augment stability. Their values are not

'E’ directly commanded by the pilot. The relationship between
pitch rate, angle of attack, and acceleration varies with

X flight condition. This variation is natural for a pilot and

provides a cue to his operating point in the flight envelope.

Thus, use of integral plus proportional compensation is

generally not necessary for these feedbacks. In the roll

axis, a roll rate command system is used, but the response
to a pilot input changes with flight conditions. Again,
this variation is generally very natural for the pilot, and
such compensation is not needed.

In redundant control systems, the integrators must
be equalized. Consider the F-16 again as an example. The

o pitch axis has four separate but identical control channels
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%ﬁ .&} with exactly the same feedbacks. Four integral plus pro-

gﬁ{ ' portional networks exist in the path from pilot input to

f&f surface command; however, due to the signal selection

éfz method, multiple duplicates of only one channel are actually
‘:i controlling the aircraft. The others are active and provide
;i_ comparison signals with the ability to instantaneously take

i?é; over control in the event of a failure. With such an

‘?ﬁﬁ arrangement, only one of the integrators can actually drive

33f its input to zero by matching the aircraft's response to the
‘é; pilot's command.

-§54 Although all the channels are trying to provide the
iﬁf same control, tolerance differences in the components in each
.EE channel cause the signals to be slightly different. The

f:) ‘!9 inputs to the three integrators that are not in direct con-

ﬁ;; trol never go completely to zero.

-%; With a constant input, these integrators ramp to

,ﬁf infinity. 1In real applications, they simply saturate. The

jzi solution of the dilemma is to have the integrators equalize

Eé; one another. Such equalization, although necessary, adds
:fi complexity. It also creates points in an otherwise separated
-%? system where failures can be propagated from one channel to

;ié another.

1ﬁf Thus, the addition of integral plus proportional

;E compensation where it is not entirely necessary, increases

*} complexity, and may endanger redundancy. Only through more
L

complexity and a substantial amount of additional testing
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can the integrity of the redundant system be preserved. As
noted above, use of the compensation on all forward control
paths can remove useful cues from the pilot relating to
flight condition by forcing the steady-state response to
equal the command.

When decoupled operation is desired, the addition of
integrators to the forward paths is highly desirable. This
is because, in such decoupling, several parameters must be
exactly controlled. The use of integral plus proportional
compensation on each forward signal path insures that the
specified values commanded are reached in steady state.

Unfortunately, the decoupled capabilities are only
auxiliary flight modes that aid in certain specific tasks.
They are limited in authority and do not replace conventional
controls, only augment them. For this reason, the require-
ment for integral plus proportional compensation on all feed

forward paths may be a disadvantage.

A Design Procedure

A procedure for developing a design is established,
based on the efforts in this thesis. The basic steps in
this procedure are outlined below and are then discussed
in detail.

1. Formulate the aircraft design model into the
proper format.

2. Validate the model.
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3. Select the outputs to be controlled and the
feedback signals that are required.

4., Check controllability and observability.

5. Calculate the transmission zeros and select the
measurement matrix.

6. Estimate the maximum maneuvers.

7. Scale gains for stable response.

8. Vary weighting matrix elements for desired
responses and to meet control input restraints.

9. Adjust proportional plus integral gain for

timely steady-state behavior.

The Aircraft Model

Chapter II covers the formulation of an aircraft
model in state space format necessary for this design appli-
cation. It also covers the methods used to validate the
model. These are two extremely important and usually error
prone steps in the design process. Time spent in developing
a controller design is wasted effort if the model for the
plant is not an adequate representation. Each step in the
model development must be checked and rechecked for accuracy.
Automated methods are extremely useful in actual design
efforts since multiple point designs at a number of flight
conditions are accomplished. The model development for each

of these points is usually very similar. However, such

programs must themselves be adequately validated.
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ol Output Feedback Choices

j

Selection of the outputs to be commanded and the

< (RN
. PO S

feedbacks to be used is dependent on three main items:

1. Pilot interface requirements.

2. Reliability and redundancy considerations.

3. Practicality of measuring the feedback signals
required.

In the early design stage, selection of feedback signals is,

» at times, an arbitrary decision. Such decisions can have a
dramatic impact on cost, complexity, and the reliable
operation of the resulting system when it enters production. #

Use of easily obtained reliable signals is recommended. \

P

e .

Checking the System Properties

Controllability and observability are checked for
- both the open-loop aircraft and the closed-loop design model

prior to performing design variations. This is another area

prone to error due to the tedium of performing operations on
- matrices with realistic elements. Automation can signifi-
cantly reduce the computational burden. The CESA program
available as an AFIT Library program is used throughout this

investigation to check controllability and observability.

Transmission Zeros and the M Matrix

The selection of measurement matrix elements and the

calculation of transmission zeros are steps that are inter-

FRARE S

related in the design. An initial selection is made for the

3
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N el measurement matrix elements using data from Reference 6

and from previous study efforts. The transmission zeros

o
ORI T S S

are then calculated. Based on their locations, refinement
of the measurement matrix elements is made. In some cases,
unstable transmission zeros that are not created by the

measurement matrix can be removed by redefining the C output

—a s A
.

.4
19 S
s 0 a

matrix. The calculation is performed using the matrix
methods of the TOTAL interactive program available at AFIT.
A Macro program called AKEY ‘s employed on TOTAL when the
B matrix of the state equation is in the "zero-Bz” format

shown at the top of Table 2. After the system matrices

are stored, AKEY requires only the entering of the measure-

ment matrix elements for each trial calculation of transmis-

ﬂ sion zeros. The equation implemented for irregular designs i
)

is shown below:

+ A 1

11 ¥ A10Fp F

Fql =0 (4.1) :

Z, = |A

21 'é

n-9%

o For regular designs, the same program is used except that

gl and 92 are entered in place of El and 52, respectively.

s

A Zero matrix of size n-2 by & is entered for the measure-

e

ment matrix. The program for TOTAL can be quickly created

A4

and kept on a permanent computer file for access throughout

the design. A listing of the Macro steps is given in
Appendix E. An alternate program called ZERO is also avail- -

able for determining transmission zeros, but has not been

IS
1
y

o
I's
v Y
v/

completely debugged (Ref 13).
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For the first design attempt, the a, I and ¢
parameters are set to one in MULTI. In almost all cases,
this results in an unstable system. The gain is then
reduced by decreasing € until stable operation is obtained.
For those cases that are initially stable, gain is increased
until the instability point is found. The gain is then
reduced by the required margin.

Initial design attempts using the techniques of
Professor Porter usually result in systems that respond
rapidly to commands. The quickness of the response may
require large control surface deflections and excessive
surface rates. Therefore, the design must be modified. The

control surface limits for the AFTI/F-16 are shown in

Table 3.
Table 3
Surface Position and Rate Limits
Position Limit No Load Rate Limit
Surface (deg) (deg/sec)
Elevators +25 60
Flaperons +20 52
Rudder +30 120
Canards +27 100




Maximum Maneuver Estimates

To stay within-position limits, a method based on
maximum commands is developed. At each condition, the maxi-
mum maneuvers that can be commanded are estimated. These
estimated maximum maneuvers are used as inputs, and individual
weighting matrix elements are varied until less than maximum
surface positions are reached. The weighting matrix elements
are also adjusted (ratioed with respect to one another) at
the same time to provide the type of responses desired.

Then, the proportional plus integral ratio (1/a) is adjusted
so that steady-state behavior is reached within a desired
time.

Maximum capability for conventional maneuvers may

v be limited by structural ability, pilot physiological con-
| straints, control authority or departure limits. Table 4

lists the maximum longitudinal and roll commands used in

the thesis.
Table 4
Maximum Command Estimates
Flight Condition Axis (units)
Mach Altitude (ft) Pitch (g) Roll (deg/sec)
0.2 30 +3.1 150
0.6 30000 +4.7 300
0.9 20000 +9.0 300
1.2 30000 +8.5 210
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CCV maneuvers are limited by the direct force capa-
bility of the control surfaces. To develop the CCV maximum -
estimates, the equations of motion are solved for each
maneuver of interest. Longitudinal authority is limited by

the maximum deflection of the symmetric flaperons for both

the direct 1ift and pitch pointing modes. In the lateral-
directional modes, the canard deflection sets the maximum
sideforce capability while the rudder deflection limit
establishes the maximum yaw pointing capability. For the
translational modes, a velocity is produced by developing a
direct force and then, after an established time, reducing
the force to zero. Thus, the maximum translational capa-
bilities are determined by the integral of the direct forces.
'“ Since the time for direct force to be commanded is an arbi-
trary design selection, maximum estimates for translation
are not shown. .The solution of the system of equations for

the CCV maximum estimates is found at each flight condition.

Table 5 is a compilation of the results.

The input commands are very closely tracked by the

controllers developed using this design method. For step i*

inputs, the control surfaces are commanded instantaneously E
v to maximum deflection. This would result in rate limiting E
ﬁ in any actual implementation. Inclusion of an actuator model L
4

reduces the surface rates, but not to values within accept-
able limits. Rates are kept below the limit by slowing down

B the input command. It is recommended that this be
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Table 5

CCV Maximum Capabilities

Flight Condition
Mach Altitude (ft) Mode Capability
0.9 20000 An 2.07 g
oy 2.72 deg
A .
v 0.84 g
B4 4.30 deg
0.2 o An 0.16 g !?
ay 3.22 deg ﬁ
A 0. "]
v 05 g
81 2.77 deg
0.6 30000 An 0.70 g
ay 4.0 deg .
A 0.20 S
y g
By 4.68 deg
1.6 30000 An 0.94 g
) 0y 1.00 deg
' A .
# y 0.60 g
y Bl 1.48 deg
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accomplished by placing a first-order lag in each command
input path. Output from the lag device is a continuous,
well-behaved function that the controller tracks with good
accuracy. This approach is used in classical designs pres-
ently being flown. The lag or "pilot command prefilter"

does not interfere with the closed-loop stability but matches
the aircraft's response to the pilot's response. Time

delays from 1/4 second to 1/10 second are generally used.

Higher-order filters can be used, but they tend to increase
b phase lag at higher frequencies. As discussed in Chapter V,
it is beneficial to keep the phase lag as low as possible ;;

from such a filter in order to reduce pilot workload.
The MULTI computer-aided design program, at the time
@ of this research, does not have the ability to handle fil- R
ters on the command inputs to the controller. In work on ,’

y a related thesis, a method has been developed to represent

command inputs as ramp hold waveforms (Ref 14). The ramp
. hold input is used to approximate an input prefilter by
slowing down the command and providing acceptable surface
rates. This is not a one-to-one relationship since rates
are also affected by feedback signals. However, the tech-
nigque does result in acceptable surface rates and output
responses. The time duration for the ramp is calculated

from the maximum surface position divided by the maximum

surface rate.




e Gain Scaling and the Weighting Matrix

Initially, responses are obtained for a given design

el s

W to a maximum step input, and the surface rates are examined.
e The surface with the highest rate is used to establish the

ramp time for the input. Then interactive fine tuning is

bl bkt

performed to establish the fastest ramp that provides sur-

face rates below the specified limits. The same ramp is

, .

PR S A e
AT T

. . 3
P

kv' used for all inputs.

Weighting matrix elements are varied to develop the
desired time responses. After selection of the matrix

- elements, rate and position limits are again checked and
iterated to result in a system that meets the reguirements

fi and provides the desired response.

- ‘j' At this point in a design attempt, it is very useful
to understand the designation of the elements in the gain
matrices. With such knowledge during the gain iteration
step, it is possible to trace an undesirable response to its
cause or to correct surface saturation problems with minimal
impact on performance.

Figure 10 illustrates the element designation for the

two input-two output longitudinal AFTI design, i.e.:

22 Ipy Igg (4.2)

The C matrix specifies the outputs to be used as feedbacks.
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Feedback number one is the longitudinal acceleration at the
pilot's station, An , and feedback number two is pitch rate.

p
The elevator surface position is determined by the equation:

Gecmd = {(Anp error)(Pll)} + {f(Anp error)(Ill)}

+ {(q error)(Plz)} + {f(aq error)(Ilz)} (4.4)

ﬂ Integral Plus Proportional Adjustment

The proportional plus integral ratio is adjusted
until the system reaches the desired steady-state value in
the time required. It is important to realize that the G
parameter in MULTI is the inverse of the ratio of integral

to proportional gain. As shown in Chapter III:

o -1
Ko =@ e [EyBy] 7L (4.5)
and
-1 4
K, =€ [F,B)1 7L (4.6) ]
4
-
) 100

[ ERENEIEIL NP U ORI

L. e o EEPNEE WL S NP IR T A PP RPN AT YOI vags SF o) T SR, ST, Gy Wy R SN SR S WP ST S




T L T —, ,‘,‘v",:‘;-‘_', T ———— - i A Sk g S Shene- St 3

Varying o directly affects the proportional gains
and system stability. What is actually desired is to hold
the proportional gains constant while varying the integral
gains to improve steady-state response. The method developed
is to select the ratio of proportional to integral gain by
varying the o parameter and then modifying the gain matrix
to return to the original proportional gain. This becomes
a time-consuming process and can be eliminated by altering
MULTI to move the parameter into the equation for the inte-

gral gains.

Gain and Phase Margins

Although not actually listed as part of the design
method, gain and phase margins must be checked for any
design. 1In real applications, there is no '"guaranteed"”
stability. The model used in a design is, as the name
states, just a model of the aircraft. All the inputs and
states of the aircraft are never included in any design
model. Aeroelastic interactions, gust disturbances, and
nonlinear characteristics of the aircraft or control system
can all result in unexpected instabilities.

The only guarantee is that produced by requiring a
margin be established and to base the margin on the best
estimate of the uncertainties in the model. The military
flight control design specification establishes such margins
for systems being developed. The table below is extracted
from Reference 15. One of the easier methods to check gain
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Eq DO and phase margins is to use frequency domain analysis
< methods (Bode plots or Nyquist plots). These are not pres-

ently available within MULTI but may be achieved with other

programs such as TOTAL.
Note that the required margins in Table 6 are
specified for all aerodynamically closed loops of the flight

control system. In multiple loop systems, variations are

I}II.II .'l.

made with all gain and phase values in the feedback paths

e held at nominal values except for the path under investiga-

;h tion.

o In preliminary designs, since structural mode data
may not be available, a general guideline is to use *6db gain
margin and #45 degrees phase margin. The specified gain

(" margin must be large enough to account for: (1) uncertain-

5; ties in the aircraft model, and (2) system changes from age

- through the operating life. As more testing is accomplished

with the aircraft and the uncertainties are removed, the

‘,5 margins may be reduced. In recent years, airframes have

vgi become more efficient, being manufactured with less strength

' and weight. At the same time, control system designs have

5 increased in authority and gain. This trend has signifi-

cantly increased the possibility of adverse interactions

between the control system and the structure (servoelastic

- problems). At times such interactions include the aerody-

namic feedback paths resulting in aeroservoelastic insta-

- bilities (Ref 21).
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As a guard against such instabilities, it is prudent
to limit the control system bandwidth. Most structural
modes occur at higher frequencies than the functions of the
control system. Thus, once a control bandwidth is found
that provides acceptable performance, it is advisable to
provide gain attenuation at all higher frequencies. Struc-
tural modes or interactions within the control system band-
width must be handled with either notch filters or phase
compensation techniques.

For this study, the *6db gain margin and 45 degrees
phase margin are specified. Bandwidth limiting is seen as a
desirable characteristic for the system. This limiting is
accomplished with the actuatcers. Compensation is not
allowed to counter the gain roll off above the actuator
break frequency in order to provide the desired bandwidth
limiting. Even with this concept, it should be noted that
both the F-16 and the AFTI/F-16 control system designs
require the addition of notch filters to alleviate struc-
tural interactions.

As a final note on stability margins, the MULTI
design package does not provide a means for altering individual
system gains. The elements of the weighting matrix change
all the gains associated with each output being fed back.
Thus, to check stability, the elements of the gain matrix
must be manually changed outside the MULTI program. Although

not difficult, this is a time-consuming process. The
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unavailability of frequency domain analysis methods in the

MULTI package make phase measurements very difficult.

One method used in actual on-aircraft testing is to
insert a compensation element of the form [l1-ts]/[l+Ts] into
each loop being tested. The time constant is increased
until divergence occurs or until the 45 degree phase margin
is demonstrated. It is desirable to include compensation
filters within the MULTI design package. Presently, use of this
approach requires regeneration of the aircraft model to
include the compensation. The model has to be modified to
allow evaluation with this element in each individual feed-
back loop. This addition to MULTI can provide a convenient
means of measuring gain and phase margins. Only cursory
phase margin checks are accomplished for the designs due to

this limitation.

Evolution of a Final Design

The design procedure is illustrated with a simple
case in order to develop an understanding of the method
being applied. Several interesting facts come to light from
this approach. Many details of the design process are in-
cluded in order to show the evolutionary process which leads
to a successful design.

Trial 1. The longitudinal equations at 0.9 Mach and
20,000 feet are considered first. By arranging the equations

with theta as the first state and by neglecting the drag
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equation, a short period approximation is developed which is

in the zero-B2 form:

8 0 0 1 ) 0 0 8
afl = {~0.001187 -1.4845 0.9948| |a| + |- 0.1492 -0.2249
qQ 0.000309 4.2717 -0.7772| |q -24.058 -6.4727 £ (4.7)

o 010 o
Y= 1q|% (0 0 1 @
q (4.8)

The system is controllable and observable with a transmission
zero at the origin. The C matrix is created to provide con-
trol of angle of attack and pitch rate. The concept is to
control pitch rate and longitudinal acceleration. Rewriting

Equation (2.43)

A, = (¢ - q)U (4.9)

cg
Remembering that An = -AZ and using Equation (2.32) yields

An = (3 - DU (4 (4.10)

In a steady state pitch maneuver with constant acceleration,
@ and q are zero. Converting the equation to the desired

units of "g" and "degrees per second" yields

An (g) = [K‘;%%?El] q(deg/sec) (4.11)

p
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jf o This method can be applied to the lateral-directional axes
i”. giving a similar expression relating sideforce and yaw rate.
B

1'::;

o = U( ftZSEC)

%5 Ayp(g) [. 1845 r(deg/sec) (4.12)
IR

These two relationships are useful in meeting pilot inter-
face requirements discussed later in this chapter. Since
longitudinal acceleration is directly related to pitch rate,
o it is assumed that acceptable acceleration results by exer-

cising proper control over pitch rate.

T An initial value of one is selected for ®, I and the
s € elements. This results in an unstable design as shown in
.EE Figures 11 and 12. Adjustment of the weighting matrix

@ elements produces the responses shown in Figures 13 and 14.

In this case, the design parameters are:

. KRR
- - e e
-

@ =1.0 (4.13)
y e = 1.0 (4.14)
-\ .
e ;= |01 0.0 .
0.0 2.35 (4.15)

The inputs are step commands for angle of attack
.;}' and pitch rate. The steps are not applied instantaneously.
They are ramped in over a 0.4 second time interval. The
interval is established by the flaperon rate limit and

iﬁ _ position limit.
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rate limit
position limit (4.16)

Ramp time =

The steady-state angle of attack command is determined by
solving the aircraft equations for a trim solution at the
desired acceleration level. This is a necessary calculation
to obtain a coupled longitudinal maneuver with this type of
design.

The responses appear acceptable,but two problems
are evident. First, the required alpha command must be
computed. Thus, pilot inputs must be converted into pitch
rate and angle of attack commands through an aircraft model
prior to input to the controller.

Second, the flaperons are deflecting in the wrong
direction in Figure 14. The flaps are intended to aid in
the maneuver by creating a positive instantaneous direct
lift. For positive direct 1lift the flaps must be commanded
to a positive position. By driving the flaperon in a nega-
tive directi~n, as shown, the controller is rotating the
aircraft as rapidly as possible to develop the commanded
pitch rate and angle of attack. The negative flaps are
decreasing 1lift and adversely affecting acceleration. This
appears to be contrary to tne intendc ¥ operation. Actually,
the controller designed is responding exa-tly as specified.
The step commands of angle of attack and pitch rate are in
effect saying to rotate the aircraft rapidly. This is

exactly what is being achieved.
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Trial 2. The problem is in the concept of what
should be happening. The concept assumes that by commanding
alpha and g, acceleration is adequately controlled, based
on Equation (4.11). However, the equation assumes a coupled
aircraft, and this design method develops an essentially
decoupled aircraft. Care must be exercised in selecting the
states to be commanded, and in developing the proper rela-
tionship of these commands to recoupling the aircraft. The
other problem is that the concept assumes for a specific load
factor there is a unique value for both a, q, and the ele-
vator position in steady state. With two surfaces, there
are multiple solutions to the steady-state trim problem.

What is actually desired is a crisp, well-behaved step in
pitch rate and acceleration with a corresponding step in
angle of attack. What is commanded is a quick step in alpha
and q irrespective of the acceleration. In other words, fast
rotation is commanded and provided by the design, but it is
really not desired.

The solution is to restructure the problem to
actively command acceleration and pitch rate. Angle of
attack is still important, and is monitored in the responses.
The speed of response of acceleration and pitch rate deter-

mine the resulting angle of attack. Using Equation (2.43)

and (2.32), the relationship can b detined by
An 4‘\
6= £ -2 - (4.17)

P |
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In the steady state q is zero, thus
1
A !ﬁ
& = —ﬁE +q (4.18) o

This solution requires a transformation of states

to obtain acceleration. When performing the transformation

as outlined in Chapter 11, the angle of attack state is
replaced by acceleration as a state. The importance of
angle of attack must not be overlooked in the design. Too
large a value can result in loss of directional stability
and departure from controlled flight. Too small an angle of
attack results in the use of a larger flaperon deflection
than necessary to perform the desired maneuver. To allow
6.’ angle of attack to be observed in the design attempts, it
can be added as a redundant state equation as outlined in
Chapter II, although this complicates the design. It
increases the dimensions of the system matrices, adds a
transmission zero at the origin, and results in the addition
of a pole and a zero at the origin in the system transfer
function. An alternative is to establish the proper C matrix

which produces an acceleration output as well as an angle of

attack output. This eliminates the need for augmenting the
system matrix with redundant equations. MULTI cannot pres- (X |

ently accept such a C matrix, since only those outputs that

are commanded can be obtained. This is a proposed modifica-

| tion for MULTI. ad
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S ‘i A design with acceleration as a state is shown in
< Figures 15, 16 and 17. This illustrates that the same
undesired response is obtained if care is not exercised in
selecting elements of the measurement matrix. In the case
shown, acceleration can now be observed and is initially
negative. This is definitely not desirable. It is a result
of the use of the flaps in the wrong direction causing an
instantaneous loss of 1lift as the aircraft rotates. Rota-
> tion eventually results in an increase in alpha and an

associated increase in 1ift. Figures 18 through 20 show

o response to a step for the same system with a measurement
matrix selected to be as sparse as possible. The desired
responses are obtained.

di' A cautionary note is provided. The maneuvers shown

ifl thus far are for step commands approximating the maximum

aircraft capability. This is not to imply that the linear-
ized perturbation equations used for the design are accurate
for these maneuvers. It is only meant to give a general
indication of the maximum surface rates and surface deflec-
tions commanded by the controller. Much smaller step
responses are used to demonstrate the design. Responses
with the full equations of motion and a 1g command are

shown in Figures 21 through 25.

A pointing system is developed by using the same

rate and acceleration commands. For fuselage pointing, a

Y pulse command is input for pitch rate while a zero
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acceleration command is simultaneously sent to the controller.

Pitch rate develops and then reduces to zero, in the steady
state, while acceleration is held at zero. The aircraft
rotates, developing an angle of attack, without experiencing
longitudinal acceleration. The aircraft nose is pointed
upward without altering the flight trajectory (Figures 26
through 29).

With the design, pointing can be accomplished while
in an accelerated turn. TFor example, a 4 '"g" turn can be
commanded with the appropriate acceleration and pitch rate
steps. Pointing during the turn can be accompiished by
adding a pitch rate pulse on top of the steady-state command
while keeping the acceleration command at its steady-state
value. This same technique is successfully applied in the
lateral-directional axis to develop yaw pointing. A pulse
yaw rate command is applied while side acceleration is held
constant.

A trade-off exists between speed of response and
pureness of the maneuver. As illustrated by Figure 27, the
pointing maneuver is not completely decoupled, and a small
amount of acceleration is generated. Pointing can be quick-
ened by making the command pulse larger in amplitude while
reducing its duration. However, as larger pulses are com-
manded, more acceleration results. If duration is not
reduced, a larger pointing angle is commanded than can be

generated. The surfaces then saturate while attempting to

122

'L‘.‘.“,J

Pt p




T ey r—

[
P
3.20

2,40

1.60

ANGLE OF ATTACK (DEG)

0.80

g.00 7.00  8.00

D.00

.00 1.00 2.00

3.00 4.00 5.00
TIME, SECONDS

Figare 26. a Response of the Initial Pitch Pointing
System to a 2 deg/sec Pitch Rate Pulse of
0.9 sec Duration
(0.9 Mach 20,000 feet)

4.00

5,20

2,40
Y

.80

1

AN (G) & PITCH RATE (DBEG/SEC)

" 3

f’x %00 1.00 2.00 3.00 4.00 5.00 8.00 1152 B-00

o TIME. SECONDS

L

v

o Figure 27. Pitch Rate and Acceleration Response of the
. Initial Pitch Pointing System to a 2 deg/sec

@ Pitch Rate Pulse of 0.9 sec Duration

«
.
K

(0.9 Mach 20,000 feet)

:.‘ l.‘ 4

123

-
-
.
"
\
..
et




o Se

ONS

SYSFECE QERhECT)
o vy &

St

5,-24.00

" 00 6.00 7.00 8. 00

00 2.00 3. 00 400 5.
TIME, SECONDS

(=3
(=]
-

Figure 28. Surface Response of the Initial Pitch
Pointing System to a 2 deg/sec Pitch Rate
Pulse of 0.9 sec Duration
(0.9 Mach 20,000 feet)

Ve 1

T T T

4.00

A}

(FTISECI
00 00

¢y
0

)

G
00

DE
-2

T‘HEOT R 1

n

L

8. 00

.00 1.a0 2.00 3 ® 0D 7.00 8.00

S L

.00 4.00 5.00
TIME, SECONDS

Figure 29. Pitch Angle and Velocity Change of the
Initial Pitch Pointing System to a 2 deg/sec
Pitch Rate Pulse of 0.9 sec Duration
(0.9 Mach 20,000 feet)

124

| TN LI W >




AAuP i Al et T T R T T e L e T R ,}
P

o

4

satisfy the command, and thus decoupling is lost. If these !
surfaces are providing stability augmentation, that is also ;4
lost. As can be seen in Figure 28, surface rate limiting .;
is not a problem for this design. Maximum Pointing of 2.7 :ﬁ
degrees is achieved with a full upward flap deflection of ;3
-20 degrees. ';
The final design sets the pulse peak at a point ‘?
determined by a compromise between quickness and purity. ii
Pulse duration is selected so that the product of the pulse "
peak and pulse duration does not exceed the maximum pointing ;i
capability. Proportional control of pointing is obtained by ;?
varying the pulse value from zero to this peak value while f
holding the pulse width constant. g

The final lateral-directional design results in a
system in which roll rate, yaw rate, and side acceleration
are commanded. The system provides conventional roll rate
response and direct sideforce control. Lateral pointing
can be accomplished in the same manner as employed for
longitudinal pointing. The roll rate system requires fur-
ther discussion. The equation for side force, including

the gravitational force, can be written as:

F = m(V + Ur - pW) - gmcosAsing (4.19)
ch
Dividing by m, mgltiplying the right hand side by % , and
y
. - cg ; .
letting Aycg = yields:
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A = U(é + r - poa - g(sind)cose)) (4.20)
Ve U

g
The desire is to roll about the velocity vector without
developing a sideslip angle or side acceleration on the
aircraft. Conventionally, the method employed is to feed
back an estimate of B to the rudder so that as the aircraft
rolls, 8 is driven to zero. Equation (4.20) is solved for

B:

é = [fg - r + pa + %sin¢cose (4.21)

Using Equation (2.34):

B = B _ Fxyr
U U

- r + pa + %Sin¢cos6 (4.22)

For steady state rolls, r is a constant and r is Zero;

therefore
A
. y
B=—R-r+pa+ %sin¢cos@ (4.23)
AY
B = —ﬁE - r + po (4.24)

The approximation comes about in the following way.
If the aircraft is simply rolling, the %sin¢cose term
should be included. Usually, rolling is a means of develop-
ing a desired bank angle to develop a turn. In such cases

the longitudinal 1ift force is increased by the pilot to

hold altitude constant (assuming a level turn). Thus, the
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%sin¢cose term is exactly cancelled by a portion of the
1lift force. In the analyses in this thesis, the longitudi-
nal and lateral-directional axes are decoupled. Thus,
there is no way of including that portion of the 1ift force
into the lateral-directional equations.

If the aircraft is rolled into a bank without
inclusion of the 1ift force, the rudder is deflected to
counter the side acceleration component developed by the
gravitatipnal force. This is not desired for a turn. For
the investigation at hand, this poses a problem. How to
simulate a 360 degree roll and a banked turn with the equa-
tions that have been developed? For pure rolling maneuvers,
such as 360 degree rolls, the full equations should be used
since generally no additional 1ift force is developed to
counter the gravity term. However, the assumption that
sing = ¢(radians) is used in the equations developed for
the aircraft model. This assumption is used to simplify
the equations, but above a roll angle of ten degrees, it is
invalid. Thus, for both 360 degree rolls and turns, the
gravity term is dropped from both the [ and sideforce equa-
tions.

The controller developed for rolling response
commands the acceleration Ay to zero, roll rate to the
desired level, and yaw rate %o a value developed by solving

Equation (4.23) for r assuming B is zero.
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A

. Yp
r = -8 + pa + - * %Sin¢cose (4.25)
A
yp
r = pa + T + %sin¢cose (4.26)

For turning flight, this becomes:
_ Yp
r = po + (4.27)

Assuming sideforce is kept close to zero, the Ayp term can
be neglected. Figures 30 and 31 sre the results of the
roll rate design for maximum inputs at 0.9 Mach and

20,000 feet. Responses for a 10 degree per second command *
at the same flight condition are shown in Figures 32 and 33.

Sideforce is developed by commanding Ay to a con-

stant value and roll rate to zero. Yaw rate is commanded

PN FevsreruTew

to the value developed using Equation (4.12)

1845| ,
U Yo (4.28)

A maximum sideforce maneuver is commanded at 0.9 Mach

20,000 feet for this design in Figures 34 through 37.

As in the longitudinal axis, sideforce can be

developed while the aircraft is in turning flight or during

a combat maneuver with the design by superimposing those

commands over the normal roll commands.
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Pilot Interface

A major design consideration for any control system
is the means by which the pilot injects his commands. 1In
current fighter aircraft, the pilot is usually flying with
iy one hand on the stick and the other on the throttle.

f; Because of the highly maneuverable nature of combat with

;i the associated high workload and the criticality of fast

;‘ response, it is important to provide complete control with-
;ﬁz out requiring the pilot to release either stick or throttle.
l At last count, the pilot had six functions to perform with
:: switches on the throttle (not including thrust control
itself) and up to seven functions on the stick in addition
to conventional pitch and roll control. It is not practical
(j’ to add extra input devices and expect anything but reduced
;3. performance.
. The approach taken in this study is to preserve the
conventional pilot control input methods. This is accom-
plished by an interface computation that provides the digital

controller with the proper inputs for normal operation. In

DN
L NA N

all cases, these interface computations are kept extremely

simple. Note that in each case, all inputs to the controller
ZE. must be specified. Two are required for pitch, while three
are needed for the lateral-directional controller. In pitch
control, the conventional stick input is accepted as a "g"

I command, and the two inputs needed by the controller are

developed from Equation (4.11) as shown in Figure 38. 1In

. ’
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roll, the commands to the controller are developed as illus-
trated in Figure 39. For sideforce control, the rudder
pedal input is used as illustrated in Figure 40. The
development of a yaw rate input is from Equation (4.12).
Roll and sideforce command methods can be combined
for the lateral-directional system. The zero input to the

A command path, needed fc~ a roll rate response system,

%

can be supplied by the rudder pedal transducer when no
force is applied by the pilot. The same can be said for
the zero roll rate command for the sideforce system. The
zero input can be provided by the roll stick transducer.

Pointing is assumed to be commanded from an auto-
mated fire control system. However, manual control can be
provided using a twist throttle for pitch pointing command
and switching the rudder pedal signal so that it provides
an input to the lateral pointing system.

The complete control system block diagrams are
shown in Figures 41 and 42 with the pilot interface and
controller separated by the dot-dash line. The portion in

dashed lines indicates the pointing system.

Instabilities

As discussed in Chapter I, because of the need for
a controller that commands rates and accelerations, condi-
tional stability is accepted for the designs. However, care
is exercised to identify all instabilities encountered in

the design process. Two general types of instabilities are
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found. These consist of a low gain instability and a high
(' gain instability. The low gain stability is seen in the
L)
o longitudinal designs and is the result of having a statically

unstable aircraft. As control system gain is reduced, a

point is reached where the unstable aircraft reappears;

.ﬁ} adequate augmentation is not being provided. This estab-
:3; lishes a lower gain boundary for all subsonic longitudinal
RN

f' designs.

In both longitudinal and lateral-directional designs,

‘ﬁf an oscillation is consistently encountered for high gains.
An example is shown in Figures 43 and 44. This is the
longitudinal design at 0.9 Mach and 20,000 feet with para-
meters of a =1.0, € =10, and I elements equal to

(? one. Figures 11l and 12 illustrate the same high gain insta-

bility in the very simple regular design discussed earlier

- in this chapter. It is apparent that the instability occurs

. regardless of the inclusion of sensor or actuator dynamics
ji or a measurement matrix. The observed frequency of the
33A oscillation is always a subharmonic of the sampling fre-

quency. Further investigation is warranted to enable the
setting of boundaries for such an instability. The system
roots are checked and are stable for the system responses
shown. The initial attempt of each design generally results
in this instability. As gain is reduced, the oscillation
dies out. It is fortunate that this high gain 1limit usually

does not compromise performance of the designs. The gain
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reductions required to meet surface rate limit requirements
prevent the instability. However, as faster actuators
become available, this should be considered as a limiting

condition in design performance.
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V. Evaluation

Time Response Analysis

For the longitudinal designs, time responses for
1l g step commands are presented for each flight condition
under study. Five degree per second roll rate pulses are
used to evaluate the roll rate design. Maximum step com-
mands are used for the sideforce design demonstraticns. In
addition, fuselage pitch pointing is shown at the 0.9 Mach
20,000 feet condition for a pitch rate step command.

The time responses presented exhibit the properties
desired of the design. Stability is adequate, and the sys-
tem provides proper, fast, well-behaved responses. The out-
puts are free of ringing or oscillations. Control surface
deflections are within both rate and position limits for all
maneuvers. Control of body rates and accelerations is pro-
vided using reliable feedbacks.

The designs are established using maximum estimated
commands for each flight condition to provide system gains
which do not exceed surface rate or position limits.

Responses for maximum commands are presented in Appendix C.

Such maximum maneuvers are not meant to imply that the air-

craft model is an adequate representation for such large
commands; they are used only to give an indication of the

maximum acceptable system gains to prevent exceeding hard-

ta Al FOONONG

b

ware limits.
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Prior to each set of responses, the design values,

controller gains, and measurement matrix elements are :

specified.
Design Data for the G-Command System r
Flight Condition: 0.9 Mach 20,000 feet
T = 0.02
a=1.0
0.1 0.0
-Z_z
0.0 2.35
e =1.0
0O 0 0 0 O
M:
0O 0 0 0 0.1
-0.01299 -0.03534
Ko = Ky =
0.04827 -0.05016

Input ramp time: 0.4 seconds

Input commands: An = 1g step
p

q = [%%%%}An = 1.977 deg/sec
p

NOTE: Step inputs are ramped to steady state over a specified
time. This time is designated as the "input ramp time"
given above.
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Vo ) Design Data for the Pitch Pointing System

-_ Flight Condition: 0.9 Mach 20,000 fee-

.:\.'
-.\4:

T = 0.02

0.5

5 3.5 0

0 1.0

AR e = 1.0

0 0 0 0 O
;:';;.:; - 0 0 0 0 0.1

- [-o .1623 -0. 007519:l

0.6034 -0.01067

4
el
1

|t

=
]

ey

gﬂ

tr: -0.3247 -=0.01504
) Kl =
% 1.207 -0.02135

Input ramp time: 0.0 seconds

]
o
o

Input command: A
b q = 1.0 deg/sec step

lf. NOTE: Step commands are ramped to steady state over a
L specified time. This time is designated as the
"input ramp time' given above.
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Figure 46a. Pitch Pointing System Response to a
1 deg/sec Step Command (0.9 Mach 20,000 feet)
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Figure 46b. Pitch Pointing System Response to a
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Design Data for the Roll Rate Command System

Flight Condition:

il S St E i o

AT B T A i S )

0.9 Mach 20,000 feet

3
1
g
« Y
!
o
4
-
-

T = 0.02
@ =1.0
0 0
=140 1 0
0O 0 1
e = 1.0
0O 0 O 0 0]
M={0 0 0 0.25 ©
_ 0 00 0 0.25
- 0.377 -0.0030510 -0.0120
N 50 = El = }11.460 0.0008075 -0.0583
1.601 -0.0005162 -0.0287
o Input ramp time: 0.4 seconds
- Input command: A_ = 0.0
Yp

p = 5 deg/sec pulse for 3 sec duration

- r = pa where a = 0.0325 radians

NOTE: 1. Pulse inputs are ramped to a maximum value over a
specified time. This time is designated as the
input ramp time given above. The input is held
at a maximum value for a duration time and then
ramped back to zero. Both ramp times have the

- same value.

2. PRolls are performed about the velocity vector.
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Figure 47a. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.9 Mach 20,000 feet)
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Figure 47b. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.9 Mach 20,000 feet)
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Figure 47d. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.9 Mach 20,000 feet)
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Design Data for the Sideforce System

Flight Condition: 0.9 Mach 20,000 feet

Q|
]
[
o

jov
[t}
o
N
w
o

=
]
o
o
o
O
&
o
o

Q

.377 -0.007018 -0.0120
= K, = 11.460 0.001857 -0.0583
.601 -0.001187 -0.0287

'l
[y

Input ramp time: 0.5 seconds

Input commands: Ay = 0.8g step
p

0.0
T = [1—864%1&11 = 1.5816 deg/sec
p

NOTE: Step inputs are ramped to steady state over a speci-
fied time. This time is designated as the input
ramp time given above.
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Figure 48a. Sideforce System Response to a 0.8g Step
Command (0.9 Mach 20,000 feet)
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Figure 48b. Sideforce System Response to a 0.8g Step
Command (0.9 Mach 20,000 feet)
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Figure 48c. Sideforce System Response to a 0.8g Step

Command (0.9 Mach 20,000 feet)
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Figure 48d. Sideforce System Response to a 0.8g Step

Command (0.9 Mach 20,000 feet)
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NOTE:

----------------------

Design Data for the G-Command System

Flight Condition: 1.6 Mach 30,000 feet

2|
I
o
o

0.045 0
0 4.5

|
[

" = [o 0 0 0 01
= o o 0o 0o 0.1
g = |-0.00425 -0.01493]
=0 | 0.02389 -0.1084 |
k. = |-0.02125 -0.07464]
=1 | o.1195 -0.5419 |

Input ramp time: 0.4 seconds
Input commands: An = 1lg step
p
q = I}%ﬂ"‘n = 1.159 deg/sec
p

Step inputs are ramped to steady state over a speci-
fied time. This time is designated as the input
ramp time given above.

153




e

0’;,

———

p—— R s s 2 n ane on M a v R S A S s e S SN e - AN e St g vv“v‘_'ﬂ':'—_"—."vvvf

_AAVA‘__N.,__W
2.u0
P U

ANGLE OF a0y Tal ke it iy
N

1.

. By
|

\

.40

.

B — |
. \,
)

5.03 400 5.0t
TIME., SECCAHIZ

o
o
(&)
o
[
fe=)
(=]

[119)

Figure 49a. G-Command System Response to a 1lg Step
Command (1.6 Mach 30,000 feet)
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Figure 49b. G-Command System Response to a 1g Step
Command (1.6 Mach 30,000 feet)
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Design Data for the Roll Rate Command System

Flight Condition: 1.6 Mach 30,000 feet

indilie. hdenbonindanos

o]
I
=
o
i el

o
o
o
(o)
o

o

.8775 -0.006716 -0.02719
.0680 0.005948 ~-0.09214
.0260 -0.0002461 -0.02024

[\

EO=_I£1=

=4

Input ramp time: 0.3 seconds

Input commands: A = 0.0
y
p
p = 5 deg/sec pulse for 3 sec dura-
tion
r = pa where a = 0.02932 radians

NOTE: 1. Pulse inputs are ramped to a maximum value over a
specific time. This time is designated as the
input ramp time above. The input is held at a
maximum value for a duration time and then rampred
back to zero. Both ramp times have the same value.
2. Rolls are performed about the velocity vector.
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Figure 50a. Roll Rate Command System Response to a
5 deg/sec Pulse Command (1.6 Mach 30,000 feet)

16
N

0.

0.04 0.08 0.12
1 i
W

’
:

BETA (DEG) & YAW RATE (DEG/SEC

=0.04

.00 1.00 2.00

3,00 4.00 5,02
TIME., SECONDS

Figure 50b. Roll Rate Command System Response to a
5 deg/sec Pulse Command (1.6 Mach 30,000 feet)
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Figure 50c. Roll Rate Command System Response to a
5 deg/sec Pulse Command (1.6 Mach 30,000 feet)
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Design Data for the Sideforce System

K‘ Flight Condition: 1.6 Mach 30,000 feet '
3
& T = 0.02

3 =1.0

|tV
[}
(o)
[
(@]
o

o
(o}
o
Q -
o
[

O ;
0.8775 -0.016790 -0.06799
K, = K; = |2.0680 0.014870  -0.23040
1.0260 -0.0006154 -0.05060

Input ramp time: 0.5 seconds

1

Input commands: A 0.6g step

Yp

-~ o~

? p =

0.0
r = [%%?%]A = 0.7 deg/sec
yp

NOTE: Step inputs are ramped to steady state over a specific
time. This time is designated as the input ramp time
given above.
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Design Data for the G-Command System

Flight Condition: 0.6 Mach 30,000 feet

2|
il

=
o

s = [0.02 0
- 0 1.0

y=19 000 0
- 1o 0 0 0.167

-0.00102 -0.04998
0.02827 -0.03316

o

Input ramp time: 0.4 seconds

Input commands: An = 1g step

p
q = [18T45_IA = 3.091 deg/sec
"p

NOTE: Step inputs are ramped to steady state over a speci-
fied time. Thig time is designated as the input
ramp time given above.
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- G-Command System Response to a 1g Step

Command (0.6 Mach 30,000 feet)
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Design Data for the Roll Rate Command System

Flight Condition: 0.6 Mach 30,000 feet

=]
il
[ay
o

|
I
o
o
[\
>

o
Qo
o
o
o
o

o
o
o
(@]
(@)
o
|l—‘

0.2589 -0.001383 -0.01103
=K, = |1.1¢"7. 0.000319 -0.05492
1.6710 -0.000175 -0.03482]

Input ramp time: 0.3 seconds

Input commands: A = 0.0
y
p
p = 5 deg/sec pulse for 3 sec dura-
tion
r = pa where a = 0.082115 radians

NOTE: 1. Pulse inputs are ramped to a maximum value over a
specific time. This time is designated as the

: input ramp time above. The input is held at a

L maximum value for a duration time and then ramped

P back to zero. Both ramp times are the same value.

i - 2. Rolls are performed about the velocity vector.

166

PR S P ST SPNS S A S Jomlm Ao fmhoa B ol Naa




N ] DTN Mt
PRt PR NN
. . . ) . . .
ERATRET _ ADRTRERY

[

~,

el

| ==
;;,_\‘ / \\
. ] / AN
[ =
. 2 // \\\\\
=2 . T
b | T3 .
| a7 -
2
i=1
i g T T T
‘0.0 1,00 2,60 5.00 460 5.0 EI
TIME. SECONCS

Figure 53a. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.6 Mach 30,000 feet)
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Figure 53b. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.6 Mach 30,000 feet)
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NOTE:

Design Data for
Flight Condition:

T = 0.02
o= 1.0
1.0 0 0
L= 0 1.0 0
0 0 1.0
e = 1.0
0 0 0o 0
M=j0 0 0 0.1
0 0 O 0
1.036
go = gl = 14,794
6.684

Input ramp time:

the Sideforce System

0.6 Mach 30,000 feet

0

0

0.1
-0.02305 -0.08824
0.05318 -0.43930
-0.02917 -0.27850

0.5 seconds

Input commands: Ay = 0.2g step
b
p=0.0
r = [1—8Ué§]A = 0.618 deg/sec
p

Step inputs are ram
time.

This time is

given above.

-------

N
-

ped to steady state over a specific
designated as the input ramp time
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Figure 54a. Sideforce System Response to a 0.2g Step
Command (0.6 Mach 30,000 feet)
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Sideforce System Response to a 0.2g Step
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Figure 54d.
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%ﬁ ) Design Data for the G-Command System

Flight Condition: 0.2 Mach 30 feet

3 T = 0.02

o]l
]
=
o

(L]

0.1 o0
o 0.1

= 1.0
- [0 000 o
i -~ o o 0o o o0.25

s 0.06429 -0.09859
v Ko = Ky -
0.59430 -0.08450

i 3R
A

(3]

LY LY

L vy
}

=

X Input ramp time: 0.4 seconds

Input commands: An = 0.15g step

':A.: p
q = 1.0 deg/sec

g NOTE: Step inputs are ramped to steady state over a
ih specific time. This time is designated as the input
A0 ramp time given above.
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Figure 55a. G-Command System Response to a 0.15g
Step Command (0.2 Mach 30 feet)
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Design Data for the Roll Rate Command System

[ L}

el

)

]

=

Flight Condition: 0.2 Mach 30 feet

0.02

1.0
1.0 0 0
0 1.0 0

o 0 0.6

1.0

o
o
o
o
N
(3]
o

1.291 -0.03368 -0.04875
= 110.520 0.01574 -0.24040
26.420 0.03132 -0.24260

=_K_1

Input ramp time: 0.3 seconds

Input commands: A = 0.0

° - - - - . . - -
..... " . AR
WL A A AL ettt at A a A

p
p = 5 deg/sec pulse for 3 sec dura-
tion
r = pa where o = (.26143 radians

Pulse inputs are ramped to a maximum value over a
specific time. This time is designated as the
input ramp time above. The input is held at a
maximum value for a duration time and then ramped
back to zero. Both ramp times are the same value.
Rolls are performed about the velocity vector.
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Figure 56a. Roll Rate Command System Response to a
5 deg/sec Pulse Command (0.2 Mach 30 feet)
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Design Data for the Sideforce System

Flight Condition: 0.2 Mach 30 feet

1.0

R
]

1.291 -0.08420 -0.2031
= K, = |10.520 0.03936 -1.0020
26.420 0.07829 -1.0110

Input ramp time: 0.3 seconds

Input commands: Ay = 0.053g step
b

p=

0.0
r = E?%gﬂA = 0.438 deg/sec
yp

NOTE: Step inputs are ramped to steady state over a specific
time. This time is designated as the input ramp time
given above.
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Neal-Smith Criterion

The acceptance of a design by the pilot is always an
issue of utmost importance that must be addressed in any
flight control work. Professor Porter's method, as applied
in this effort, results in a closed-loop system with either
all real roots or complex conjugate pairs with very high
damping ratios. In light of this fact, a means of assessing
pilot acceptance is needed.

One method of predicting pilot ratings for a longi-
tudinal compensatory tracking task was suggested by Peter
Neal and Roger Smith in Reference 16. The complete theo-
retical basis and the data used for the criterion develop-
ment are provided in the reference. A summary of the tech-
nique is presented here. The assumption is made that the
acceptability of an aircraft's maneuvering response in per-
forming a specific task can be expressed in terms of the
pilot compensation needed to achieve some "minimum standard
of performance" with the least tendency to develop a pilot
induced oscillation (PIO). The standard of performance is
established by the task which is required of the pilot. For
the final phase of a fighter's combat maneuvering, precise
control of pitch attitude is assumed to be the critical task
in the reference. The control of pitch attitude is modelled
as shown in Figure 58. This model and the definitions pre-

sented are direct extracts from Reference 16.
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Using this model, the following terms are defined:

Bandwidth (BW): Bandwidth is defined as the frequency for
which the closed-loop Bode phase, X (6/6,) , is equal

to -90 degrees. It is a measure of how quickly the pilot
can move the airplane's nose toward the target.

Droop; Droop is defined as the maximum excursion of
closed-loop Bode amplitude, |9/0¢| » below the 0 dB

line for frequencies less than BW. In the absence of large
oscillations, droop is a measure of how slowly the nose
settles down on target,

Standard of Performance; A minimum bandwidth, (Bw)min'
of 3.5 rad/sec, and a maximum droop of 3 dB:

3 (Oloc) greater than (-90) degree
}for w less

and 'O/O‘._l greater than (-3) dB than 3.5
PIO Tendency: The tendency to oscillate or PIO is
delined in terms of the Bode magnitude of any closed-loop
resonant peak, |9,e°‘ max '’ that results from the pilot's

efforts to achieve the performance standards.

Pilot Compensation; The pilot's physical and mental workload
Tequired to achieve the standard of performance is defined

in terms of the phase of his compensation at @ = (Bw)min’

x. = ;, (—_——.—.
pe Jjw TP; *1we (8W)in

Figure 58. Neal-Smith Model for Pitch
Attitude Control
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To evaluate a design, the engineer selects values of

K and sz in the pilot model that yield the smallest

p’ 'pl’
maximum value for le/ecl for the closed-loop system while
maintaining a minimum bandwidth of 3.5 radians per second
and a maximum droop of -3 dB. The method of this selection
is covered later.

For each specific selection of pilot model parameters,
the maximum value of [e/ecl and the phase angle at the 3.5
rad/sec frequency are determined for the closed-loop system
using a Nichols chart. These values are plotted in Figure 59
and evaluated against the boundaries in the figure to deter-
mine a prediction of a pilot rating (PR) and the accepta-
bility of the design. The PR boundaries in the figure
correspond to the Cooper-Harper Pilot Ratings given in
Table 7.
To employ this method, the airframe plus flight con-

trol system transfer function, 6/F_ , must first be deter-

s
mined for the longitudinal system. With two inputs and two
outputs, G(s) is a two-by-two transfer function matrix as

expressed below.

A A ]
iy Do
Vl Vz
G(s) =
TRt
L1 2 (5.1)
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Table 7

Cooper-Harper Handling Qualities Rating Scale

r ADEQUACY FOR SELECTED TASK OR AIRCRAFT DEMAND3 ON THE PILOY PLOY )

AEQUIRED OPERATION™ CHARACTERISTICS IN BELECIED TASK OR REQUIRED OPERATION™ RATING
Excelient Pilst compensanon not a factor tor I lqﬁ"
Highly desirable desireC peticrmance i L A
Good Pilot comper:sation not a factor for H P) .
Negligible deticiencies desired derformance l’. ! j
Fair — Some miidly Minimal pilot compensation required for t ol .
unpleasant deficiencies desired performance { .
Minor but annoying Oesired pertormance raquires moderate
deficiencies pilot compensation

isit Deficiencies

satisfactory without warrant ;chculely obiect.onable Adescuale performance requires
improvement? improvement ¢ nces pilot
vary Ldjectionable but Ad per ¢ requires
tolerable deficiencies pilot compensation
Adequate performance not atiainable with
Major deficiencies priot
Dai. Controtiability not in question
> requIre . S C pilot ig required
improvement Major deficiencies for contral
o prlot comp: 1s required to

Major deficiancies retain control

No T improvement

) Control will be lost during some portion of )
 mandatory Major deficrancies required operation
N J

- of required anvoives of Mght phase and/or
l Pllot dacisions J Coapor-Harper Aol NASA TNO-§153 wn

The contribution from both inputs must be considered
in the pitch attitude output since the aircraft is not com-
pletely decoupled. The system mechanization chosen for the
longitudinal design shown in Figure 41 of Chapter IV relates

stick force input (Fs) to the control commands Vi and Vo by

= _ (1845
Vl = Fs and V2 = [—U_] Fs (5.2)

thus

1845
2 =3 (Fg) + 5o I—T—l (Fs)  (5.3)
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and -
4 -9 .9 |:1_8_45:]
Fs vy v LU (5.4)
e _ 1,9 . q 1845
8 -1.4 .9 (1815,
FS s v1 v U (5.5)

At the 0.9 Mach 20,000 feet flight condition, this transfer

function is

929.5(s + 1)(s + 1.4)

0 .
Fs “ s(s + 1.065 £ j 0.4189)(s + 3.75)(s + 133.8)

(5.6)

Magnitude and phase values are calculated for frequencies
between 0.1 and 10 radians per second from this transfer
function. The next step is to establish values for the
pilot model that allow the standard of performance to be met.
Initially, a check is made to find if varying only

K the pilot's gain, can provide a solution. This is

p’

accomplished by letting Tpl and T equal zero and setting

p2
Kp to one. The phuise angle from the expomential term in
the pilot model is (57.3)(0.3)(w) and is added to the phase
values of B/Fs. This establishes the open-loop 9/6e magni-
tude and phase information.

The standard of performance (closed-loop) boundaries
are established on a Nichols chart (Figure 60). The open-
loop amplitude-phase plot of e/ee is then overlaid and
moved vertically to determine if any value of Kp allows the

closed-loop tracking system e/ec to meet the standards.
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This plot indicates that Kp alone can not satisfy the stan-
dard. The 3.5 radian per second point on the amplitude-
phase plot needs a reduction in phase angle indicating lead
compensation by the pilot.

Reference 16 provides a plot of amplitude-phase
curves for optimum pilot compensation which simplifies the

selection of Tpl and T Two pilot models are selected for

p2°
the design being analyzed. The first with Tpl = 0.94 and

T = 0.0 meets both the bandwidth and droop requirements.

p2
This means that the pilot must generate over 73 degrees of
lead at the 3.5 rad/sec frequency. The resulting [6/6_]
max is plotted (as a dot) versus pilot compensation angle
on the criterion graph in Figure 61. The point falls out-
side the desired PR = 3.5 boundary. A second pilot compensa-
tion is found with Tpl = 0.57 and sz = 0.0 that requires
the pilot to generate 62 degrees of lead at 3.5 rad/sec and
meets the bandwidth requirement while exceeding the droop
requirement. This point is also plotted (as a dot) in
Figure 61. Although moving closer to the desired region,
both are outside the ''good response area." The lead angle
required by the pilot must be reduced if the design is to
receive good pilot ratings from this evaluation technique.

An examination of the transfer function reveals that
the root at -3.75 contributes slightly over 45 degrees of

phase lag at the 3.5 rad/sec bandwidth frequency used to

select the pilot compensation. This root is of interest
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because its location is determined by the elements of the

measurement matrix. The elements of M are changed to 0.1,

B AN

and the system responses that result are shown in Figure 45.
In this case, the first-order root is very close to -10 in

the s-plane. Again, two pilot models are chosen and plotted
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as triangles in Figure 61. The first with Tpl = 0.34 and

T = 0.0 meets both constraints. It requires 50 degrees of

p2
pilot lead. The second meets the bandwidth condition and

S PP SR

exceeds the droop requirement. For this case with Tpl = 0.23

and sz = 0:0, a pilot lead of 37 degrees is required.

A Y

The last choice yields a design which gives a pilot
rating of 3.5 or less. Thus, after several well-placed
changes, it appears that this design may be very useful for

ﬂ' tracking cases. However, several cautionary notes are pro-

Y

vided. The phase lag due to digital computer implementation

and the lag from a pilot prefilter have not been included in

Sl

this evaluation. An estimate for the digital design can be

established by using a first-order Padé approximation for a

RN

zero-order hold and a factor of (1/T) for the sampling action

GRS

(Ref 22). This indicates a phase lag of approximately 2 de-

grees at the 3.5 rad/sec bandwidth. The prefilter is of the
o order of 7.5/(s + 7.5) and adds as much as 25 degrees to the
system. These additions again place the design outside the

desired boundary. The prefilter may be increased to

;2 10/(s + 10) or slightly higher depending on the actual sur-

face rates encountered. The current design is conservative
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since this is an indirect way to limit such rates, and the
ramp times are calculated based on estimated maximum rates.
Fine tuning of the prefilter has not been accomplished and
can reduce the phase lag considerably.

These additional factors (which are present for any
digital controller implementation) tend to cause the design
points to fall to the lower right of the 3.5 PR boundary.
This may not be a serious deficiency. Review of similar
evaluations of both the F-16 and the AFTI/F-16 designs shows
they fall in the same general region outside the 3.5 PR
boundary.

The Neal-Smith Criterion is only one of several
currently being proposed for flight control design evalua—.
tions (Refs 17, 18 and 19). Its use has highlighted areas
of improvement for the current design; however, its validity
in predicting pilot ratings is by no means unquestioned.
Thus, further analyses with other criteria are needed to
properly evaluate the designs. Ideally, conclusions on the
acceptability of the design from these criteria should
eventually be validated in a realistic piloted simulation

evaluation.

Bandwidth Comparison

Chapter IV includes a discussion of the desirability
of limiting the control system bandwidth. The major reason
for this is to reduce undesirable effects from structural
interaction. Designs with Professor Porter's techniques
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can result in extremely fast responses. It is, therefore,
important to assess the bandwidth of the designs under con-
sideration. Time permitted only one such assessment in this
study. The longitudinal design is compared with the F-16
_3" and AFTI/F-16 control systems. Figures 62 and 63 are plots
for the open-loop control system from sensor input to ele-
vator position output. The MULTI Designs (MD) exhibit

slightly less bandwidth at high frequencies than either the

Py . o q
¥ DA

; PRSI
’ L] . . » o
. PP B
, S e
5 T A I A A A
* PR P .

F-16 or the AFTI/F-16 systems for this path. In the accel-
eration path the MULTI Design falls between the other two
systems and matches AFTI for very high frequencies. The
plot for the AFTI design is for the air-to-air mode.
ﬁﬁf The plots were completed after the design gains had
p - F.I’A been established. Thus, they illustrate that the Porter de-

- sign method employing maximum estimated maneuvers and con-
j7: sidering limits on surface position and rates results in de-
T signs with acceptable bandwidths. The initial designs ob-
}%f tained before such considerations were taken into account had
}Eé much higher gain values and would indeed have resulted in large
,; bandwidths.
The high gain at low frequencies is due to integral
‘;=i compensation on all MULTI Design feedforward paths. Note that
- AFTI uses this compensation only in the pitch rate path, and

the F-16 uses it only in the normal acceleration path.

;45 A final word of caution must be given. Although the

®- - bandwidth of the longitudinal design compares favorably with
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the F-16 and the AFTI/F-16 systems, both of these systems
have been modified with notch fiiters to eliminate struc-
tural interaction problems. The center frequency of the
AFTI double notch filter is marked on Figure 63. Thus, even
with the present system design, notch filters may be
required once installation and testing begin. The design
must be able to accept such filters without undue degrada-
tion. The ability to evaluate such filter additions is
needed in the computer-aided design package and is recom-
mended in Chapter VI.

The comparisons are accomplished for only one sur-
face at one flight condition. A complete survey is needed
for all sensor-to-surface paths at all flight conditions
so that a realistic overall bandwidth assessment can be
made. Such an extensive evaluation is recommended for any

future efforts with these designs.

Robustness versus Tailoring

One measure of robustness is the ability of a control
system design, with fixed gains, to provide acceptable per-
formance over a wide range of flight conditions. However,
in this study, emphasis is placed on tailoring the control
system design at each flight condition to provide responses
that improve the accomplishment of a specific task. The
specific task of concern is air-to-air gunnery. To estab-

lish one set of gains for all flight conditions results in
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a compromise in performance for the sake of reduced complex-
ity. Two points need to be considered. First, gain sched-
uling is easily accomplished with current digital flight
hardware. Second, since flight conditions change rather
slowly, the update rate for gain scheduling is relatively
low. In the AFTI system, the control commands are solved
64 times per second, but the gains are calculated only once
a second. Considering both of these points and the desire
for improved performance, a compromise in performance is not

acceptable.

In this report, a design is considered robust if it
can tolerate uncertainties in the aircraft model. A design
to give specific performance is based on an aircraft model

G developed from wind tunnel data with an accuracy of 3 to 5
percent. A test of robustness is the ability of a design to
yield acceptable performance for an inaccurate parameter in
the aircraft model. Such an ability significantly reduces
the fine tuning and redesign at late stages in the develop-
ment of a new system.

To illustrate the robustness, the design developed
for the 0.9 Mach 20,000 feet condition is evaluated with an
aircraft model in which the pitching moment coefficient of
the elevator (Cmse) is decreased by 15 percent. The results
are shown in the comparison responses in Figures 64 and 65.

The aircraft responses are essentially the same although
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Using this measure, these designs are considered robust.
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VI. Conclusions and Recommendations

Design Results

Very good performance is obtained from the controller
designs developed with Professor Porter’'s techniques in this
study. The time responses exhibit the desired characteris-
tics and meet the established requirements. The techniques
are found to be extremely flexible. A design method is
formulated that can be used in the synthesis of conventional
multivariable control laws and decqupled (CCV) control laws.
Controllers are developed that provide the pilot with pre-

cise control over aircraft body rates and accelerations

without increasing workload. The interactive capability of
the MULTI program results in an efficient and cost effective
design method.

The flight control design structure consists of a

g-command system in the longitudinal axis. It accepts

aaa 4 ol

inputs in the form of acceleration commands from the pilot's

v
J¥ _—y

sidestick and provides a blend of direct 1lift and conven-
tional aircraft control. In the lateral axis, a roll rate

system accepts pilot commands from lateral forces on the

Bk b dod b g

sidestick and develops the desired roll rate about the air-

1

craft's velocity vector. For directional control, direct

sideforce is available through the rudder pedals. In addi-

. TR
PP

tion, independent fuselage pointing in both the pitch and

yaw axes can be commanded through this same structure.
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It is acknowledged that the designs are not optimum
in every sense; however, the design method is a viable
alternative and has many advantages compared with the cur-
rently available multivariable techniques. These advantages
become more attractive when recognizing that the iterative
process of fine tuning is an inherent requirement of any
design method. The major advantages are:

1. The ease of design and the ability to fine tune
to specific requirements.

2. The use of output feedback without the need of
full state information.

3. The high degree of decoupling available.

4. The similarity in developing continuous and
discrete designs.

It must be noted that these conclusions are based
on a ''preliminary design' effort. Because the techniques
may result in high gain controllers, caution must be exer-
cised in selecting final design values. It is recommended
that surface rate and position limits be considered in the
early design work. Use of estimated maximum maneuvers at
each design point provides a means of scaling gains to pre-
vent exceeding surface position limits.

Considerable effort is expended in the development
of a proper aircraft model for the design. However, this
problem is encountered with any designh method. Once the

modelling is achieved, the designs in this report are
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accomplished in a simple, straightforward manner. An under-
standing of the fundamental physics of the aircraft's
response cannot be overemphasized. It is through such an
understanding that a realistic and desirable system design

is established.

Simplifying and Improving the Design Process

From the experience gained in this research, several
changes are suggested to simplify the design process. First,
the use of s-plane closed-loop root migrations and open-1loop
frequency response data can reduce trial and error design
time and allow conventional gain and phase margin testing.

Second, the ability to directly observe the influ-
ences of surface rate limits provides valuable insight into
the implementation restrictions imposed on a design. With
such an ability, gain values can be quickly determined which
yield acceptable and practical designs.

Third, a means of including compensation filters in
the design process allows a more realistic assessment to be
made. The ability of a chosen design to accept such filter
additions can then be determined early in the synthesis
process.

Fourth, a way to directly va.y the integral gains
without altering proportional gains can simplify the design

process.
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Finally, considerable effort and implementation
complexity can be saved by designing in a non zero—B2 for-

mat with nonredundant equations.

MULTI Improvements

All of the simpliifications and improvements for the
design process relate directly to changes in the MULTI
package. To be able to use frequency domain techniques in
the design, MULTI has been altered to provide both open-loop
and closed-loop transfer functions. However, it is neces-
sary at present to go to another program (TOTAL) to obtain
frequency response plots. In addition, it will be beneficial
to calculate the closed-loop roots for each design iteration.
A plot from these iterations will provide a pseudo closed-
loop root locus for the system. In this way, the powerful
frequency domain techniques can be utilized.

To provide the ability to observe the effects of
surface rate limits, the actuator model option must be
altered to include these nonlinearities in the same way ihat
position limits are currently provided. In this way, insta-
bilities that might be encountered due to rate limits can
be seen immediately. Designs with reduced but practical
gains will result.

An option is needed to allow compensation filters
to be added at the system inputs and to allow notch filters

to be inserted between the controller outputs and the
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actuator models. The influence of such filters (that will
almost certainly be added during flight test) can be evalu-
ated at this early design stage.

As MULTI is presently configured, changing the @
parameter varies the proportional gains, directly affecting
stability, while holding the integral gains constant.

When the integral-to-proportional gain ratio is varied to
alter the time to reach steady state, o is changed and ¢
must be adjusted to return the proportional gain to its
original value. This unnecessarily complicates the design
effort. Only a minor modification to MULTI is needed to
eliminate this problem.

The method of calculating gains with [FgB,] requires
an additional transformation to zero—B2 form if a design is
to be developed with a minimum number of measurement matrix
elements. This transformation results in feedback states
tiiat include components of surface deflections for the
designs in this study. Although an adequate design can be
obtained, this adds complexity to the system. Equivalent
performance and decoupling can be achieved without this
complication if [FB] is used for gain calculations. (Note:
This change is currently being made to the MULTI program.)

The use of redundant equations results in unneces-
sary complexity in the design activity and can cause numeri-
cal computation problems. The equations are included so

that pertinent aircraft parameters such as angle of attack
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and sideslip angle can be evaluated while controlling rates

and accelerations. This requires that MULTI be modified

to plot any combination of states instead of only those
output which are being controlled. 1In this same light, it
will be advantageous to provide a means to plot state
derivatives or combinations of state derivatives and states.
With such an expanded capability, almost any aircraft param-
eter of interest can be monitored during the design.
Currently, this requires significant modifications to the

matrix of system equations.

Proposed Future Work

The major uncertainty with the designs presented in
this report concerns their performance in a real world
environment. The effects of gust inputs, sensor measure-
ment noise, and structural mode interference need to be
evaluated. The system's behavior with digital time delays,
quantization effects and nonlinear aerodynamics must be
ascertained. It is proposed that the current designs be
carried into a nonlinear simulation evaluation where a
realistic operational environment can be provided.

The Neal-Smith Criterion is applied to obtain an
indication of pilot rating in a compensatory tracking task
for one longitudinal design. This is only a cursory check
with one of several methods. Recent work has been accom-
plished on a modified flying qualities evaluation method

(Ref 19). Several other evaluation methods such as the step
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target tracking technique and the bandwidth criteria are

also available (Ref 17 and 18). The current designs should

2 '_-Nl P TN

be evaluated using these methods.

The high gain instabilities illustrated in Figures
43 and 44 of Chapter 1V should be examined in detail and a
method developed to accurately predict the stability bound-

aries. This work can be a part of the simulation evaluation

discussed previously.
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Appendix A

Aircraft Aerodynamic Data

At each design flight condition, three types of data
are presented for the aircraft.

1. Aircraft parameters and stability axis aero-
dynamic coefficients are provided in table form.

2. Body axis primed dimensional derivatives from
the CAT program (see Appendix D) for use in setting up a
state-space model are listed. Chapter II and Appendix B
describe the primed derivatives. The units are radians for
angles, radians per second for angular rates, feet per
second for velocity, and feet per second squared for accel-
eration.

3. Aircraft model files used for input to the MULTI
program are giveina. (These have been converted to yield
acceleration at the pilot's station as a state, and they are
in convenient units.) The units are degrees for angular
quantities, degrees per second for angular rates, feet per
scecond for velocity, and g's for acceleration. The states
are augmented with an actuator model of 20/(s+20) for all

control surfaces.

In the data for the lateral-directional axis, 6DT
represents the differential deflection of the horizontal
tail used to augment roll control. For this study, the ratio
of aileron to differential tail is set to 0.25; thus when
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an aileron deflection is shown, it is a combination of the

two surfaces.

6a. = 6aileron + 0.25 SDT

For all designs, an actuator model on all control
surfaces and a sensor model on all feed back signals of

500/(s + 500) is used.
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Table A-1

Aircraft Data for the 0.9 Mach and 20,000 Feet
Flight Condition

Aircraft Parameters

q (dynamic pressure - lbs/ftz) = 552.11295
S (wing reference area - ftz) = 300.0

¢ (wing mean aerodynamic cord - ft) = 11.32
b (wing span - ft) = 30.0

VT (trim velocity - ft/sec) = 933.23

W (weight - 1bs) = 21,018.0

Inertias: xx (slug - ft ) = 10,033.4
lug - £
I, (slug t2) = 53,876.3
@ ZZ(slug-:f‘c)=612784
I, (slug - £t2) = 282.132
Aircraft Aerodynamic Coefficients in the
~Stability Axis
a(deg) = 1.86
¢ = 0.126186 | C_ = 0.0 c, = 0.023766
1 = 1 - 1 =
G (g = 0.004812 C"’a( = = 0.001938 Coa(ae—g) 0.002636
c (&L) = 0.009578 | G_ (—d—ig) = -0.012086 | (Eé— = 0.000173
s € s s 98
e e
c (=) = 0.015718 |C_ (=) = -0.003280 G (5 = 0.000351
N deg m(sf deg s deg
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Table A-1 (continued)

1 _ 1 _
C G2y = 3.061717|C (Zp = -2.382190
a a
(L) =-1.35782|C (L) = -1.307597
CL- rad ' m& rad )
1 = - 1 - 1 .
CLu(_f_t7_s€E) = -0.000442 cmu(ft/sec) 0.000060 CDu(ft/sec) = 0.000160
C. () =-0.022052|C (1) = 0.001675 |C, (=1) - ~0.001901
Vg deg ng deg 2’6 deg
1 _ 1 _ 1 _
Cyp(ﬁ) 0.057563 cnp(m) = -0.005541 [ C, (=) = -0.351217
C (<L) = 0.55%35|C (=t) =-0.279120 |C, (=X) = 0.021937
Y, rad : n, rad : R,r rad ‘
C. (4£) = 0.002377]|C. (=) =-0.001272 |C. (=1 0.000331
Vs deg ng deg Ls deg
* r r Ir
] C (=) =-0.000088|C (=) =-0.00016 |C, (=X) = -0.001804
Vs deg ng deg %s deg
a a a
C. (a=) = 0.001708|C (s&) = -0.000097|C, (&) = -0.001816
Vs deg "| g “deg L ‘deg
DT DT T
1 1 1
Ly = 0.00171 1,y = 0.0012 Ly = 0.000230
G, (g 001716 o, (g 0.001256 , &
C C C
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...................

0.9 Mach 20,000 Feet Flight Condition

Longitudinal Body Axis Primed Dimensional Derivatives

= -1.48446 Ma' =  4.27171 Xa' = 38.2906
= -0.149227 M(S © = -24.0581 Xd © = 2.00593
e e
= =0.244924 M, © = -6.47269 X. © = 2.31681
[ $
f bi
= 0.994789 Mq‘ = -0.777221 Xq' = -30.1376
= -0.000022 Mu' = -0.000130 Xu' = -0.012075
= -0.001120 Me' = 0.000309 Xe = -32.1830

Lateral-Directional Body Axis Primed Dimensional Derivatives

= 7.2370 LB' = -55.2526 YB' = -0.343554

= -0.023184 Lp' = -2.80004 Yp' = 0.032636

= -0.362530 Lr' = 0.145674 Yr' = -0.997556

= -5.80890 L6 = 10.3955 YcS = 0.037032
r r

= -1.25006 L6 ° = -51.0502 Y(S © = -0.001371
a a

= -5.13710 L(S “ = -50.7290 Y(S “ = 0.026609
or or

= 5.89254 L6 © = 5.53185 Y5 © = 0.026734
Cc C
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Q?{ e MULTI Input File

RO~ » .
DA -~ [

Longitudinal Axis (0.9 Mach 20,000 Feet)

190=1
A 110=7 2 2

p) 170=N =, 11238=2 ~,1506E~3 ~1,R96 ,0886 -, 1497 ~ 2449
N 1=N 000 100
s 140=0 ~,5617 ~,01258 .8522 ~.5232 ,03492 .04N3
sl 159=0 ~.1211F=2 —,0782F=4 ~1,502 7764 ~.03R91 ~, 1706
L 160=0 ,3213F=3 ~.01068 5,455 ~.7595 =24.06 ~6.473
s 170=0 0 0 0 0 <20 0
{ 180=0 N 0 O 0 O ~20
-, 190=n
2 200=0
.t 2 10=N
220=0
s 230=0
s 240=20 0
e 250=0 20

D209 090

A 260=0 0 0 1 0 ~, 1064 .07496
N 270=0 000 100

. 2R0=N0
y p 290=N0
. 300=N0

4k

The state vector is:

[}

- o(deg)

L 8(deg)

> u(ft/sec)

- A.n + 0.1064 Ge - 0.07496 Gf (g)

P
q(deg/sec)
Ge(deg)

§ ¢ (deg)
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MULTI Input File

Lateral-Directional Axis (0.9 Mach 20,000 Feet)

100=1
110=8,3, 3

120=0, .3449E~1, 2,286, ,3205F~1,~,0032, [ 52R1F~7, .370%E~1, .2673E~1
130:0’0:(" 1,0,0.0,0

140=0,~,4105F~2 =, 2070 ~ 3A755-2, , 1103, ,870AT~2, ,3426F~2, ~. 1254F~1
150an, 0, 464.1,~2,759, ,R441,~63,73, 10,39, 5,533
160=0,0,-60.79,~.02853, =, 454, ~2,534,~5,809, 5,802

170=0,0,0,0,0,~20,0,0
180=0,0,0,0,0,0,~20,0
190=0,1,0,0,0,0,0,~20
200=0,0,0
210=0,0,0
220=0,0,0
230=0,0,0
240=0,0,0
250=20,0,0
26N=0,20, 0
270=0,0,20
2RN=0,0,1,0,0,~.01640, ~,02519 , 05807
290=0,0,0,1,0,0,0,0
300=0,0,0,0,1,0,0,0
31n=NO
320=N0
33nN=N0
The state vector is:
[ 8(deg) 7]

¢ (deg)

A+ 0.01649 § + 0.02519 §_ - 0.05807 & (g)

Yp a r c

x = | p(deg/sec)

r(deg/sec)

6, (deg)

6 (deg)

hﬁc(deg) |

NOTE: For the Roll Rate System, the gravity term in the B and A_ equa-
tions is dropped, and the yaw rate command drives r-pa to’zero.
To accomplish this, the 2nd term in lines 120 and 140 must be set
to zero, and the fourth term in line 300 is changed from zero to
a value of -0.0325 to account for the pa expression.
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Table A-2

Aircraft Data for the 1.6 Mach and 30,000 Feet
Flight Condition

Aircraft Parameters

§ (dynamic pressure - lbs/ft2) = 1129.3126
S (wing reference area - ftz) = 300.0

¢ (wing mean aerodynamic cord - ft) = 11.32
b (wing span - ft) = 30.0

VT (trim velccity - ft/sec) = 1591.75

W (weight - 1bs) = 21,018.0

Inertias: I_ (slug - £t°) = 10,033.4

2
I lug - ft°) = 53,876.3
vy (slug 2)
) I, (slug - £t°) = 61,278.5
- 2 _
I, (slug - £t%) = 282.132

Aircraft Aerodynamic Coefficients in the
Stability Axis

a(deg) = 1.68
= 0.0 ¢,

C (=) = -0.010705 | Cn (=
deg ) CDa deg
(-=-) = -0.008061 (<L

deg ) CD6 deg
e

(1) = -0.001432 (=)

. deg ' CDGf deg
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Table A-2 (continued)

3.458724 |C () = -1.889366
q
_ 1 =
= -2.974699 () 0.501981
() = 0.000027 |C_ (=2—) = -0.000046 | G, (35—) = 0.000002
CLu ft/sec ’ m “ft /sec ) CDu ft/sec ’
= —_ = i =
= -0.019192 an( = 0.00088 CQB( 3 -0.001702
- - 1 _
rad) = 0.026463 | C_ ( rad) = 0.004371 Czp(r 1) = -0.257331
c, (rad) 0.516864 | C_ (rad) = -0.246367 | C, (2= 0.018261
r
1y - 0.000552 |C (=t) = -0.000349 |C, (===) 0.000077
deg ) ng deg ) 26 deg )
r Ir
1 _ - I S
&) = 0.00032 cncs & -0.000236 C“a (=) -0.000250
a a
L1y = 0.000281|C (<L) =-0.000317 |C, (=) = -0.000811
deg ) ng deg ) 25 deg )
DT Dr DT
1y - 0001541 |c (<L) = 0.000973|C, (si) = 0.000232
deg ng deg ' 26 deg :
c C
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1.6 Mach 30,000 Feet Flight Condition

Longitudinal Body Axis

~-1.25100

-0.115337

-0.075084

0.995991

-0.000002

-0.000593

7.42422

-0.005040

-0.383316

-3.27086

-2.37673

-3.45190

9.36290

=
N
Il

=
N
|

=
S
]

=
N
[}

=
\
]

=
S
)

=
.
n

I

-43.8012

= -32.8919

-5.85004

-0.351737

0.000802

-0.000075

Lateral-Directional Body Axis Primed Dimensional

-100.032

~-2.46287

0.160287

4.96942

-14.1689

-46.6078

12.0662

223

Primed Dimensional Derivatives

W PR —

X - = 45,1941
o
Xd = 9.40431
e
XG = -13.3021
f
X~ = -46.5132
q
Xu’ = -0.030046
Xe’ = -32.1861
Derivatives
YB‘ = -0.358564
Y”" = 0.020374
p
Yr’ = -0.998410
Y6 = 0.010313
r
Y. = 0.006763
8
a
YG “ = 0.005250
DT
Yé © = 0.028790
c
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T T Ty a————

b=
9
o - MULTI Input File
; Longitudinal Axis (1.6 Mach 30,000 Feet)
o 100=1
e 11027 2 2
'f'- 120=0 =,594F~3 ,6413F~3 ~1.672 .9973 =, 1153 ~.N7519
) 13920 "0 N 1 00
- 140=0 -,5417 ~,03054 1.054 ~.R126 , 1641 ~,2321
150=0 ~,70576-3 ,524F~2 ~1,207 ,7455 -, 1125 ~,0AN03
" 160=0 ~,10878~3 07318 ~5%,55 —-,305 =32,80 -=5,85
s 170=0 0 0 0 0 =20 N
i" 180=0 0 0 0 0 0 -20
_ 190=0 N
20N=0 0
210=0 0
220=N 0
230=0 0
= 240=20 0
s 250=0 20
L 260=0 0 0 1 0 ~, 149182 .N20547
s 270=0 0 0N 1 0 0
v 28N=NN
- ) 290=NO
) F.'I 300=NO
% The state vector is:
. [~ a(deg) ]
S 8(deg)
o u(ft/sec)
- A +0.149182 8 - 0.020547 §. (g)
- x = p
- q(deg/sec)
~ 6 (deg)
;:2 | Sg(deg) i
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MULTI Input File

Lateral-Directional Axis (1.6 Mach 30,000 Feet)

10n=1
11n=R 3 13
120=0 ,02027 1,416 ,02030 -, 0042 _O0NRNT7A ,N1N31] L0288
13n=n 0" 10000
14n=0 ~,NN512 -, 2170 =, 00747 ,2520 ,003112 .0N232 ~.02157
150=0 0 305,11 =246 ,7634 ~25,82 4,969 12,07
o 160=0 0 ~20,32 ~, 00528 ~,4281 ~3,24 ~3,271 9,363
?;3 170=0 0 N A 0O =200 0
. 180=0 O 6 0 N O ~-2n O
h 190=0 0N A A A A =20
v 200=0 0 0
L 21n=0 0 N
220=0 0 0
230=0 0 N
€YN=0 0 N
25n0=20 2 N
26N=0 20 n
27n=0 0 20
220=0 0 1 0 0 ~,01752792853 ~,N158341734 .0956337463
200=0 DO 10NDODO
INN=0 DN O 100N
3 10=N0
320=N0
33n=Nn
The state vector is:
[ B(deg) 7]
$(deg)
A+ 0.017528 Ga + 0.015834 Gr - 0.095634 Sc (g)
p
< = p(deg/sec)
r(deg/sec)
6, (deg)
Sr(deg)
_Gc(deg) |

NOTE: For the Roll Rate System, the gravity term in the B and A equa-
tions is dropped, and the yaw rate command drives r-pa to’zero.
To accomplish this, the 2nd term in lines 120 and 140 must be set
to zero,and the fourth term in line 300 is changed from zero to a
value of -0.02932 to account for the pa expression.
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Table A-3

Aircraic Data for the 0.6 Mach and 30,000 Feet
Flight Condition

AREE: -~ AN N

Aircraft Parameters

3 (dynamic pressure - 1bs/ftZ) = 158.81

S (wing reference area - ftz) = 300.0

¢ (wing mean aerodynamic cord - ft) = 11.32
b (wing span -~ ft) = 30.0

Vp (trim velocity - ft/sec) = 596.91

W (weight - 1lbs) = 21,018.0

Inertias: I_ (slug - £t2) = 10,033.4

| I, (slug - ftz) = 53,876.3

@ I, (slug - £t°) = 61,278.5
2

I}z (slug - ft™) = 282.132

Aircraft Aerodynamic Coefficients in the
Stability Axis

a(deg) = 4.705

G, = 0.439013 | C_ = 0.0 o = 0.044151

G (=) = 0.073559|C_(g=) = 0.004356 |Cp (z=) = 0.008210
A m "deg , 9eg ‘
1 1 1 P
= 0.009473 |C. (=) = -0.010229 —=) = 0.000019 % |
cL5 () = D, (Geg 3
e e e ~ 1
Q. () = 0.015850 |C_ (=) = -0.000383 o (=) = 0.001808 lﬂ
5. 9eg ms deg s deg -1
Y £ f ]
R
- |
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Table A-3 (continued)

ST P T

.- cL(ml = 2.437286 cq(rad) = -2.850448
: cL_( = -1.020896 |C_ (rad) = —0.747194
o
1 _ - _ 1
O Giyess) = 0-000158 |G (ft/sec)- 0.000106 CDu(ft/sec) 0.000050
1 1
= -0.02 = o. 1y - 0.0022
ys‘eg) 0.021995 cB(deg) 0.001972 C!Z,B(deg) ~0.002209
1 _ - 1 =
¢ &y = o102 |c (rad) = -0.013813 |C, (z=3) = -0.243246
P Y P
1 - 1 = =
Cyr('r‘aﬁ) = 0.538904 cnr(rad) = ~0.484330 C’Lr( ) 0.071941
C (4&) = 0.003021 |C. (4=) =-0.001520 |C, (4=) = 0.0003B4
y, (G n, Geg =
. r r r
e c. (L 0.000051 {C_ (=) 0.000035 |C. (=) = -0.002141
Vs deg ' ng deg ' 9‘6 deg ’
a a a
C (== 0.002055 [C (<X) = -0.000940 |C, (5i=) = ~0.001742
Vs deg ne deg 9’6 deg
DT DT DT
1 1 1
= 0.001047 = o. = 0.000138
Cya =) 04 c“a (=) 0.001121 C“a () 0.000
C C C
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3 0.6 Mach 30,000 Feet Flight Condition
(s

;:::., Longitudinal Body Axis Primed Dimensional Derivatives
. -\:
E¥ 7 © = -0.526422 M- = 2.52708 X © = 23.0402
. o a [6]

. 7. ° = -0.066156 M, © = -5.86214 X, © = 3.17035
" s 8 s

‘:\ e e e

G Z. © =-0.111711 M, = -0.211773 X, © = -2.00855
o S ) )
A f f f

- 7 = 0.997184 M ° = -0.341902 X * = -48.8785
- a q a

- z, = -0.000109 M,* = -0.000337 X~ = -0.005142
z,° = -0.004425 M,” = 0.000313 X* = -32.0915

Lateral-Directional Body Axis Primed Dimensional Derivatives
v o

Ny = 2.29583 Ly" = -19.2246 Y;" = -0.154000
- N)® = -0.000888 L° = -0.893601 Y© = 0.082387
< N_- = -0.278676 L° = 0.318%45 Y.” = -0.998322
o T r r

2

N, © = -1.96651 L, ~ = 3.92325 Y.~ = 0.021165
S 8 8

r r r

' N, -~ = -0.268403 L, ~ = -17.4468 Y. ” = 0.000357
s 5 s 8
a a a

= N, * = -1.50547 L, = -13.5832 Y, “= 0.014398
'_'~: DT DT DT

9 N. © = 1.51008 L.~ = 0.414519 Y.~ = 0.007335

8 s 8
C C C “

4 Ae.
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MULTI Input File

Longitudinal Axis (0.6 Mach 30,000 Feet)

1ND=]
11N=7 2 2
120=0 ~,NN441R ~,DNIN35 ~2,770 L0025 ~ NRAR1S ~, 1117
13020 0O OO 1 N D
140=0 ~,5A01 ~,NNO114 2,123 ~,R405 ,NS5533 ~,03AA
15N=0 -=,NN1885 ~,NNN139 ~,544R , 1RA0 =~ NN2RG ~, 02064
160=0 ,NNN2R12 -, 04420 13,34 ~,3106 ~5,RA2 ~,211K
170=0 0 O 0 N <20 N
180=0 0 N 0 0 N0 -=20
190=0 0
200=0 O
210=0 O
220=0 N
230=0 N
240=20 0
250=N 20
260=0 0 0O 1 0 -.0220207 0,.0345517
270=0 O N O 1 0D
280=N0
290=N0
3NN=NO
The state vector 1is:
" a(deg) ]
8(deg)
u(ft/sec)
An + 0.022921 Ge - 0.034552 Gf (8)
X = P
q(deg/sec)
S, (deg)
i ¢ (deg) ]
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o MULTI Tnput File

Lateral-Directional Axis (0.6 Mach 30,000 Feet)

100=1

110=8 3 3

120=0 ,N5376 4,742 .NR20] ~,00na ,AN105] 02116 ,NN738

1319=0 00 10N0ND

14020 ~, 001747 .0N3076 ~,NN2748 . N3201 =, 00N82 , 012693 ~,0N2558

150=0 0 SO1.6 —~, 0417 1,244 =2N,04 3,927 ,414°
160=0 0 =70.65 004791 ~,3807 ~ A447 ~1.96F 1,51
170=0 D 0O O N =20 0 N
180=N 0N 00 N =20 0O
19N0=0 N OO 0O O 0 -20
200=0 0 O
210=0 0 0
220=0 0 N
23n=0 0 0O
240=0 N 0
250=20 0 0
260=N 20 0
270=0 0 20
28N=0 N 1 0 N ~,NN35061 -, 008N2142 ,01370N9
200=0 N O 1 O N OO
300=0 0 DO 1000
2 310=N0
e 32n=N0
330=NO
The state vector is:
[ B(deg) ~ ]
¢(deg)
Ay + 0.003596 Ba + 0.008021 6r - 0.013791 60 (g)
P
< = p(deg/sec)
r(deg/sec)
i Sa(deg)
AR Gr(deg)
b _6c(deg) |
L - "
F NOTE: For the Roll Rate System, the gravity term in the B and A_ equa-
(.. tions is dropped, and the yaw rate command drives r-pa to’zero.

s To accomplish this, the 2nd term in lines 120 and 140 must be set
F" to zero,and the fourth term in line 300 is changed from zero to

3 a value of -0.082115 to account for the po expression.

3
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Table A-4

Aircraft Data for the 0.2 Mach and 30 Feet
Flight Condition

Aircraft Parameters

q (dynamic pressure - lbs/ftz) = 59.18
S (wing reference area - ftz) = 300.0
c (wing mean aerodynamic cord - ft) = 11.32

b (wing span - ft) = 30.0

Vy (trim velocity - ft/sec) = 223.26
W (weight - 1bs) = 21,018.0
Inertias: I__ (slug - £t2) = 10,033.4
- yy (slug - ftz) = 53,876.3
I, (slug - ft°) = 61,278.5
2, =
xz (slug - ft©) = 282.132
Aircraft Aerodynamic Coefficients in the
Stability Axis
a(deg) = 14.98
c = 1161817 |C_ = 0.0 c = 0.237224
(=) = 0.053031 |C_ (=) = 0.002630 |C. (=) = 0.027636
CLa deg ’ m, deg ’ CD deg ’
1 - I SR =
CL‘5 (@) = 0.010306 C’“a (= 0.010462 c:D (= deg 0.002519
e
1 = 1y 2 1y =
cL<S (@ = 0-008187 Cma () = 0.001132 CDG (deg 0.003501
£
231

........
.............................
........

Padar auh oodh e or s aen ]




et =« SR
R P
. ottt

L ot e

] v | g,
. L e, 8,0 etk
SRR T fte e e 0 8,

Table A-4 (continued)

A

U}

1.428587

-0.775892

= -0.000178

-0.020613

0.214209

0.640146

0.003103

0.001493

0.003154

0.000893

C

G (ft/sec) -
u

C
C

Cn
r

(rad)

( =g)

rad

1

1
n, (deg’

(=
p rad

1
(;aa)

= -6.716322

0.017115

0.000030

0.002824

= -0.065499

-0.509547

= -0.001716

= -0.000566

-0.000769

0.000665

jL()

0.000063

~-0.003015

= -0.201582

0.224680

0.000033

-0.001373

-0.001658

0.000074
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0.2 Mach 30 Feet Flight Condition

Iongitudinal Body Axis Primed Dimensional Derivatives

Za' = -0.459802 Ma‘ = 0.542375 Xa' = 12.5375
Z(S © = -0.074045 M(S © o= -2.23634 X(S © = 0.357830
e e e
Z. © = -0.061526 M, ~ = 0.241866 X. © = =-1.97404
8 S S
f £ f
Zq' = 0.995737 Mq’ = -0.633651 Xq’ = -58.0974
Zu' = -0.000786 Mu' = -0.000651 Xu' = 0.00288
Ze' = -0.037268 Me' = -0.000058 Xe' = -31.1064

Lateral-Directional Body Axis Primed Dimensional Derivatives

NB’ = 0.919806 LB' = -11.0532 YB‘ = -0.143895
Np' = -0.003864 Lp' = -0.934188 Yp' = 0.261703
Nr’ = -0.257624 Lr’ = 1.03044 Yr' = -0.994485
N, © = -0.814818 L, © = 1.42280 Y. © = 0.021662
$ S $
r r r
N. © = 0.075009 L, =~ = -4.47725 Y. © = 0.010422
$ - $ 8
a a a
N<S “ = -0.603086 LG T = -4.28449 Y(5 - = 0.022018
oT or DT
N. ©~ = 0.328110 L. © = -0.296006 Y.~ = 0.006234
§ § §
C Cc C
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MULTI Input File

Longitudinal Axis (0.2 Mach 30 Feet)

10N=]
11n=7
120=0
130N
140=0
150=0
160=0
170=0
18N=n
19Nn=0
200=0
2 10=0
220=0
210=0

)
-.N3727 ~-,005265 ~7,A97 L0428 ~,NT7405 ~,NK152
nNAND 1TNO

-, 5429 ~.N1A05 3,683 -, 0083 [ 00R746 ~,03445
~,0N5033 ~,NNNNH3727 ~, 4707 ,N540D 005177 —~,NN4RQ]
=.0NNNS420 ~,NR42A O, NTO ~ 5048 ~2,236 ,241°
0000 -200

nNnNnoonoO 20

220222 D0

240=20 0

25N=0
2AN=N
270=N

20
NN 10 ~-,007048251 ,0002734112
0nnNo100

280230
29N=NN
3IN0=NO

The state vector is:

BRI

a(deg) W
8 (deg)
AL+ 0.007948 ae - 0.009273 af (g)

P
q(deg/sec)
ée(deg)

;- (deg)
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10N=1
11n=a
120=n
13In=N
14n=n
159=0
140=N
170=0
18N=N
100=0
200=0
210=0
22n=0
210=0
240=0

MULTI Input File

Lateral-Directional Axis (0.2 Mach 30 Feet)

33

. 1393 13,76 [2615 -, 0760 ,N1593 02167 .0NA24D

nNY" 100NN

~eNNTLS57 = N1RAR ~,NN2T747 01072 ~ 0NN 1345 , 0009300 ~ NNNLTAQ
0 1IN57 ~,04A% 2,384 ~5,549 1,423 -, 2054

7 ~87,06 ~,0N2%17 ~,3702 ~,N7577 ~, 8148 ,3281

00602000

=20 0

n -20

2009092320202
DO 3D

2D

2 D

29

2 00

250=20 N N

26N=N
270=0
2220
20nN=0n
30n=n

o]

n

135443 ~.0N353018 . NN321547

QD DON
DD =N
D~ O

[ T )

3110=Nn

320aN0
330=Nn

The state vector is:

NOTE:

B(deg)

¢(deg)
A - 0.001354 6 + 0.003539 & - 0.003236 & (g)
y a r c

P
p (deg/sec)
r(deg/sec)
5, (deg)

dr(deg)
6, (deg)

-

.

For the Roll Rate System, the gravity term in the 8 and A equa-
tions is dropped and the yaw rate command drives r-pa to zero.

To accomplish this, the 2nd term in lines 120 and 140 must be set
to zero, and the fourth term in line 300 is changed from zero to
a value of -0.26143 to account for the pa expression.
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Appendix B

Aircraft Equations of Motion

Longitudinal Equations - Body Axes

Fz = m (W + pV - qU) -~ mg cosb cos¢ (B-1)
cg
thus
Fz
W= —525 - pV + qU + g cosf cos¢ (B-2)
Fz
cg _ ds . c au
m m Cz * Cz o+ {Cz-a + Cz a} 2V + Cz V.
o o o q T u'T
+ CZ Se + CZ §f (B-3)
*S' Se §f

Substituting Eq. (B-3) into (B-2) gives:

=95 ¢ +c a+{C_ & +C_ q} == +c_ &U
m [: zo za Zd zq 2VT ZuVT
+ C Se + C §f[ - pV + qU + g cosf cos¢ (B-4)
Zse Zst

To develop perturbation equations, a 1lg wings level
trim flight condition is examined where ¢=0 , a=0 , q=0 ,
§f=0 , AU=0 , p=0 , and cos6 is approximately one. The trim
angle of attack and elevator position are Oy and 6eT respec-

tively.
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D T——

" —3 = §§ -
w 0 T {%z + Cz Orp + CZ Geé} + g (B-5)
o a Se

Thus, the aerodynamic forces balance the vehicle's

weight. To account for small variations from this trim con-

dition, perturbation angle of attack ap and elevator posi-

tion Gep are added to the equation. A term for small changes

in sensed g is also included.
= W=95lc +C (an+a)+C. (Sen+ de)
mI:zo zaT p Zse T D
+ g - (g sineT)e (B-6)

Cancelling the terms that are equal from Eq. (B-5)
yields:

- .=§§. - 3 -
) W= 4 czaap + czaeaeé] (g sins;)e (B-7)

The equation is expanded to include perturbations in a, q,

U and §f by referring to Eq. (B-4).

, as . . c AU
" W=2 Ic o +{C_a+C ql s +C_ =+ C_ e
;:: m {: z, P z, zq 2VT quT Zse

+ C 6{} + qU - (g sin6,)6 (B-8)
Zaf T

The p subscript is dropped and U=VT. AU is expressed as

u. Thus, the perturbation equation is:
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w= @ o+ @ o+ (B g+ @, u

m’ "z m2U’ 7z m20
o o u
{x _
o gs qs - i -
+ (m)Cz de + (m)CZ §f + qU (g 51n6T)e (B-9)
Se §f
or
w = (Za)a + (Z&)a + (Zq)q + (Zu)u + (Zde)de
+ (Zaf)éf + qU - (g sineT)e (B-10)
[ Dividing by U, letting & = % , and gathering the o terms
jﬁ on the left-hand side of the equation gives:
%:
po . Z4 Z, Eg Zy Zse
&(1 - ) = (e + (Fha + (fHu + () de
Z g sinb
§f T
| + (—g)8f + q - (—pF—) (B-11)
S - Zd
{ (}P T is very small and is ignored. Using the primed
- notation and noting that all states are perturbations from
f  the trim condition, the equation can be expressed as:
- G = (B0 + (Z 7)a + (2, )u + (Z5.")8e
,ﬁ
+ (Zge7)8E + (Z,7)0 (B-12)
A' Za §,§
. where Za =T T oo Cza (B-13)
N Eg gSc
¢ Z =1+ =1 + C (B-14)
q v m2u2 Zq
it Zu qS
» 2, = 7w = _gﬁ C,
. mU u . (B-15)
T
238

s

Sttt Aot

AB . s A A A A St MEmas. 2 4 A AL A LA



D P P Ty

(B-16)

(B-17)

SN D v e - -‘L‘

(B-18)

In a similar manner, the force equation in the x-axis is

reduced to a perturbation equation.

Fx = m(ﬁ + gqW - rV) + mg sinbd (B-19)
cg
thus
Fy
U = —;?E - gW + rV - g sin® (B-20)
]
@ F i
—C€ -3 fc +c o+ {C,ql 55 +cC, &Y .
m m lixo X, xq 2VT xuVT 3
+C. Se+C. 8% (B-21) ‘
*se X5 f
" qS c AU
U=21Jc +c_a+{C, ql 55— +C_ o
m [:xo Xy xq ZVT xuVT
+ C Se + C 551 - gW + rV - g sin® (B-22) :
X b 1
de sf _J h
For trimmed flight, thrust exactly equals the drag i
forces. 5
4
4
T=4gS |C_. +C_an + C_ Sde (B-23) ?
— [xo Xy T Xse 'Ii} ;
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The perturbation equation is:

) - @ gsc as as
u m Cx o+ m2U Cx qQ * mU cx u + m Cx se

o q u Se
+ 8B ¢ st - gw 8+ v ¥ C (g cossn)e  (B-24)
m “Xee U U T
, _ W _ Vv .
By letting Ar = F and B8 = g the equation can be

written as:

u = (Xa)a + (Xq)q + (Xu)u + (xde)ae + (Xaf)df

- anU + rU + xee (B-25)

Assuming only longitudinal motion, B and r are zero
and noting that all states are perturbations from trim con-
ditions, the equation is expressed as:

u=(xX Ha + (Xu Ju + (XGe )Se + (de Yéf

+ (X )a + (X47)6  (B-26)

s = =i§ -
where Xa Xa - Cxa (B-27)
- - =is— -
Xu Xu i Cxu (B-28)
- - - as -
xGe XGe m Cx6 (B-29)
e
X.. =x.. =3¢ (B-30)
St St m X
§f
240
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q q T m2U Xy T (B-31)
Xe' = Xe = -g cosbp (B-32)

The pitching moment equation is used to develop the perturb-

ation q equation.

. 2 2
M =ql + pr(Ixx - Izz) - (r° -p )Ix (B-33)

y vy z

. _ 2 2
QI =M -pr(I, - I,)+ (r" -p)I, (B-34)

For longitudinal motion only, r and p are zero and the

equation becomes:

q =% (B-35)
yy

and

M_=gSc |C. +C o+ {C &+ C_q} 5o
y [:mo m, m, mq ZVT

+Cm
u

B

+C_ Se +C_ &f (B-36)
Mse Mse ]

In trimmed flight, the moments are assumed to be zero.
M_= gSc |C + C am + C Se =0 (B-37)
= e, o

Letting VT

and elevator position variables, and cancelling the above

= U , introducing perturbation angle of attack
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ﬁﬁ EE terms that add to zero, gives the perturbation equation:

& = - c Cmu
My = gSc [Cmaa + {Cmda + Cmqq} 20 + T AU

+C 68e+C &Ff (B-38)
Mse Ms £ ]

Substituting Eq. (B-38) into (B-35)

“~x

_ __ 2 .2 _
- - GSc gqsSc : gSc qSc
Q=7 Cpo+togr Cn-**t 301 - Smn @t T Cp AU

- vy o vy o vy q yy u

N _ _

R +95¢ ¢ e+ $3C ¢ ox (B-39)
yy 8e yy TSt

3

gﬁ In dimensional form, this is written as follows:

g , .

v qQ = (M )o + (M;)a + (Myda + (M )AU

;; + (Mae)ée + (Maf)df (B-40)
™ Substituting Eq (B-12) for & into Eq. (B-40) and letting AU
‘25 be represented by perturbation u yields:

. q = (M, + MZ "o + (Mg + M:Z ")g + (M, + M;Z,")u

o t (Mo + MiZge )80 + (Mgp + MiZ5,7) 88

A

'-.‘ . s -—
R + (MaZe )6 (B-41)
Ny

L ]

: Using the primed notation, the equation is represented as:

q = (Mo + (Mq da + (M, )u + (Mg ")de

152 A% + (M6f )6f + (Mg™)8 (B-42)
Q\-t
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- _ 2 '
- _ QSc gsSc - i
a I (Cma)b + {;Ulyy (Cmd)é} 2y, (B-43) j

vy
- = §§£E_ (C_ ) + (C_ ), Z ° (B-44) ]
’#
=88 ¢y 4 gse? c )|z~ (B-45) :
u UIyy m, b 2UIyy md b u
- 288¢ ¢y 4 gsc?_ c_ )l z. " (B-46)
de I m b 2U1 m-‘’b Se
vy Se vy a
_ ~ .2
- - QSc Sc . _
23 (Cmaf)b'+ UI_, (Cm&)b Zss (B-47)
. o |ase? .| z.- (B-48)
0 20T ““my’b| o

Note: ( )b denotes coefficients that are expressed in the
body axes.

Lateral-Directional Equation - Body Axes

The sideforce equation is:

" F = m(V + rU - pW) - mg cosbsing (B-49)
ch
thus
FY
V= —ifg - rU + pW + g cosfOsing (B-50)
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-~ F
y
—CB -3 |c g+ {C_ p+C r}=2-+C &a
m m b yp Yy 2VT Ysa
DAY
o +C_ 6r + C_, 6c (B-51)
A Ysr Yse J

Substituting Eq. (B-51) into (B-50) and letting U = VT

3
s yields:
. _gs gsb qsb as
i v=2c 8+ % c, p+ 150 c, r+LcC sa
B p r da
’; + as Cc Sr + as C dc
2 M Vsr m Yse
3304 - rU + pW + g cosfsing (B-52)
%ﬂ Written with dimensional derivatives, this becomes:
- vV = (YB)B + (Yp)p + (Yr)r + (Yda)da + (Ydr)ér
o
'ﬁj + (ch)éc - rU + pW + g cosfsing (B-53)
.
o . , : v v W L :
_ Dividing by U, letting B = T B = T'r*=79: sin¢ = ¢ in
'Q radians, and gathering terms together yields:
o
- Y Y Y Y
. g = (=2 P r _Sa
6_(U)B+(U+a)p+(U-1)r+(U)6a
Y Y g cosé
. ) 8 T
; + (—gIST + (g)se + (—g—)¢  (B-54)
ff Using the primed notation, the equation is represented as:
.
“\-. - p— - e - rd -~
i: B = (YB )B + (Yp )p + (Yr )r + (Yda Y6a + (Y(Sr )Sr
-

+ (Y5, )6c + (Y6")¢  (B-55)
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el where
- - a8 -
Y, 1= (Cys)b (B-56)
. _ aSb
Y- =222_(c ) +a (B-57)
p m2U2 y,'P T
Yy." =222 (¢ ). -1 (B-58)
r m2U2 y_.’b
R _
Yq, 1z (CYGa)b (B-59)
- - 88 -
Yoo iz (Cyar)b (B-60)
- - g8 _
Ys¢ =m0 (Cyéc)b (B-61)
- . g coseT
@ Y," = —— (B-62)

The yawing moment equation can be expressed as:

M,=rI, + qp(Iyy - I - (p-an)l . (B-63)

Assuming q = 0 , this reduces to:

T Izz = Mz + p IXz (B-64)
_ - b
MZ—qu Cn3+{Cnp+Cnr}§v—+Cn Sa
B P r T Sa
+ C §r + C dc (B-65)
Dsr Nse ]
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Combining Eqgs. (B-64) and (B-65) and solving for r with

k- U =V, gives: J
{» T & ‘
S

2 gSb gsb2 sb2 3sb

: r= G Bt g Cu Pt g Gty P2 Cy da ]
v ZZ B ZZ p 27z r ZZ Sa

' 3sb 3sb I |
: + 32 ¢ sr + 22 ¢ §c + p 22 (B-66) '
. n I I )
" ZzZ Sr b4/ §c ZZ }
a In dimensional derivative notation, this is: i
x 1
AN o o= 4
2 r (NB)B + (Np)p + (Nr)r + (NGa)Ga + (Nar)Gr

U 1, ]
. + (Ng.)8c + p = (B-67)

g zz

: The rolling moment equation is written as:

S My =P Igp +ar(l,, - I.0) - (pa + 0)I (B-68)

Assuming q 0 , the equation reduces to:

p =M +rI (B-69)

o] T da

-3 b
Mx = qSb [%288 + {C2 p + C2 r} 2VT + Cz Sa
+ C §r + C 8 (B-70)
2Gr z60 %}

Combining Eqgs. (B-69) and (B-70) and solving for p with

- U = Vp gives:
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-2 2 - )

Sb Sb Sb
B + C, p + c, r+32c¢c sa ]
A - A SC - Al NS S P ]
)
4
qSb as . TXZ .
+ 9250 ¢ sr + 322 ¢ e + r == -]
xx st xx ‘sc Tex (B-71) )
- Y
(LB)B + (Lp)p + (L)r + (Léa)éa + (Lér)Gr 1
i 2

+ (L, )8c + r == (B-72)
dc Ixx

Equations (B-67) and (B-72) are solved to give expressions

for r and p. Written in primed derivatives, these are:

r = (Ng")B + (N,7)p + (N.O)r + (N “)éa

+ (NSr )8r + (NGc )¢ (B-73) i
» o
where
I

XZ .
Nt T by ]
Ni = . 5 for i = B8, p, r, Sa, 8r, &c f
] - oo XB___ ]
(Ixx)(Izz) (B-74) i
and %
P = (L") + (L,7)p + (L.7)r + (Lg,")da ’T

+ (LGr )ér + (LSC )S8c (B-75)
4
)
- £
4
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~i' where

7 Les

p Ll + Nl

- L,” = XX 5 for i = 8, p, r, 8a, &r, &c
t?f (I4z)

The State Equations

1+ —5
% (Ixx)(IZZ) (B-76)

Equations (B-12), (B-26) and (B-42) are combined

with an expression for 8 and first-order actuator models
(developed in Chapter II) to form the longitudinal state

equations.
6 = qQ cos$¢ - r sing (B-77)
Assuming ¢ is small and r is zero, this hecomes:
§ = q (B-78)

Thus, the longitudinal state equations are:

r- - o -1 I 7 — 1
8 0 0 0 1 0 0 0 0 0
a X" X X, xq Xso  Xgg u 0 0
a . Ze Zu Za Zq 25e Z6f a . 0 0 Gecmd
q My© M TOM Mq My~ Mse q 0 o0 8F g
Se O 0o 0 0 -20 0 Se 20 0
L8 Lo o 0 o =20 | &f | | 0 20]
(B-79)

Units are radians, feet per second, and radians per second.
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Equations (B-55), (B-73) and (B-75) are combined with

an expression for $ and first-order actuator models to form

the lateral-directional state equations.

é = p + q sin¢ tan® + r cos¢p tanb

Assuming 6 = 0 , this becomes:

6 =p

Thus, the lateral-directional state equations are:

¢ 0 o0 1 o0 o0 0 0 ®
B Y¢ YB Yp Y Yoo Yoo Yo B8
P 0 LB Lp L Lsa Lsr Lse P
r = 0 NB Np Nr NGa NGr NGC r
ba 6 o0 o 20 0 0 sa
8¢ 60 0 o0 0 0 -20 0 St
_Gc_ L 0 0 0 0 0 0 -20 J _6c

20

(B-80)

(B-81)

63cmd<l

Sr

cmd
6ccmd

(B-82)

These state equations must still be transformed as

shown in Chapter II to obtain longitudinal and lateral

accelerations as states. The stability axes coefficients

must be converted to body axes coefficients for use in the

equations previously developed. The conversion equations

are:

C
a a

+ (-CL —CL-CDa) cosan

u
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2
-CL.cos A (B-83a)

o
= —CL cosa,, (B-84)
q
= (-C, -2C;) cosZa;, + (C. -C.) sin2
L L T D ~vL’/ Sin Op
u o
+ (CL _CD«_CD) cosanp sinaT (B-85)
a u
—CLs cosany - CDG sinaT {B-86)
(-C, +C,) cosza + (C, +2C,) sinza
Da L T Lu L T
+ (~CD -CD+CL ) cosa, sinaT (B-87)
u o
CL sinaT (B-88)
a
(-C, -2C,) cosza + (-C;, -C_) sinza
Du D T La D T
+ (CD +CL +CL) cosoy, sinaT (B-89)
a u
—CDG cosoy + CLG s1naT (B-90)
= CM cosan + (CM +ZCM) sinaT (B-91)
) u
3
= CM- cosarp (B-92) h
o
= (CMu+ZCM) cosaq - CMa sinaT (B-93) ]
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)
M ‘b
q

(C
S

where

M b

= C (B-94)

|
@]

(B-95)

( )b is used to distinguish body axes from stability

axes when necessary.

to body

(C, )
ZB b

(Cg )
2,°b

(€ p

(Cy )y

(€, Jp

€,

‘" m'a o e atalr

mflala a'a’m aa’la o mia . P

The equations for converting the lateral derivatives

axes are:
= C2 coson - Cn sinaT (B-96)
8 B
_ 2 . 2
= C2 COS™ Om + Cn sin o
P T
- (C2 +Cn ) sinaT COSan (B-97)
r P
= C cosza - (C. ~-C, ) sina,, cosa
2 T n L T T
r T P
. 2
- C sin“o (B-98)
n T
P
= CQ cosaqn - Cn sinaT (B-99)
) )
= Cn cosan, + CR sinaT (B-100)
3] B
= C cosza - (C_. -C, ) sina,, coso
n T n 2 T T
p r P
- C, sin2a (B-101)
'A T

r
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T .
a3

- 2 .
(Cn )b = Cn cos“an + (Cl +Cn ) sinap cosag
T r r P
., 2
+ CR sin Orp
b
(C_ ), =2¢ cosan, + C sina
n6 b n5 T 26 T
(Cvn)b = Cyn
B 8
(C )b = C coso,, - C sina
T T
Yp Yp Yr
(C_ ). =¢C cosa,, + C sina
y,'P Yy T o T
C = C
(Cy b = Cy,

(B-102)

(B-103)

(B-104)

(B-105)

(B-106)

(B-107)

All of the computations to develop the body axes

primed derivatives from stability axes coefficients are per-

formed by the CAT program (see Appendix D).

Miscellaneous Equations

To convert inertias from the body axes to the sta-

bility axes, the following equations are used.

R ) ) 2 ) ) .2
(yxls = Uygylp oS ap *+ (1,,)g sinaq
- 2(Ixz)B cosan sinag
_ . 2 2
(Izz)S - (Ixx)B Sin &rp + (Izz)B cos OlT
+ 2(Ixz)B COSQ, sinaT
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]

[(Ixx)B - (IZZ)B] cosan sinag

2 . 2
+ (Ixz)B [cos ap - sin“a (B-110)

1)

where ( )S is used to denote the stability axes.

Accelerations at points other than the center of

gravity are calculated using:

% 5 . 2
- X \,q° + r y Pq .
Ay = Axcg - (3535573 ) * (18350573 - 1)
C g e
% ) 2 2
_ X _\,_pd - y +r
A, = Aycg + (175 (573 + ¥) - (g3E) 57 3—)
)
- Z r .
e * (1558 (57,3 - P) (B-112)
A = A - (E BT | o) - ey ID 4 5y
n Doy 1845/'57.3 - 4/ - '1845’'57.3 7 P
) 5 . 2
b4 +
+ (1335 (573 ) (B-113)

Accelerations are in units of g, angular rates are in units
of degrees per second, and angular accelerations are in
degrees per secondz. The distances lx’ zy, lz are measured
in feet. The lx distance is positive moving forward from
the CG along the x-axis. The ly distance is positive along
the y-axis moving out the right wing from the center of

gravity. The zz distance is positive along the z-axis or

down from the CG.
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Angle of attack and angle of sideslip are expressed

as.

N ¢ = tan () and B = sin (=) (B-114)

cl=

where V. = (U2 + v2 + woHt (B-115)
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Appendix C

Maximum Command Responses

This appendix contains responses to maximum estimated
commands used to select system gains that do not cause con-
trol surface position or rate limits to be exceeded. Point-
h ing and sideforce system plots are not included since the

maximum commanded responses are presented in Chapter V.

The responses in this appendix are not intended to
indicate adequacy of the aircraft model in properly repre-
senting such large maneuvers. They are simply used as a

guideline in establishing realistic gains.

The design parameters given in Chapter V for each
flight condition and system apply to these responses with
the exception that the inputs have been appropriately

increased.
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Appendix D

Conversion And Transformation (CAT) Program

Results of the CAT program for the 0.9 Mach 20,000
feet flight condition are given as a sample of the program's
output. A listing of the program is also included in this
appendix.

CAT is an interactive program requiring 27K of com-
puter memory and 0.16 seconds of CP time for execution. The
program performs an axis transformation on nondimensional
aircraft data from the stability to the body axis. If
requested it also dimensionalizes the data and converts it
to primed body axis derivatives for direct use in a state-
space model representation for the aircraft. (Refer to
Chapter II or Appendix B for an explanation of the primed
derivatives.) The program can perform these calculations on
longitudinal data, lateral-directional data, or both simul-
taneously as specified by the user in answer to questions

at the beginning of the program.

It should be noted that aerodynamic data are entered
in terms of the stability axis and inertias are entered in X
body axis by convention. The proper units for each input
are specified when the input is requested by the program.

Theta is requested as an input. For trimmed level flight,

theta should be set equal to the trim angle of attack.



Sample Run for the CAT Program

g t:- RARRRRRARKAKRRFAARARRRRRRRAKRRRRRRARARARARhhhhhkhhhhhhkhhihk

*RRAARRA AXTS TRANSFORMATION PROGRAM *hhiidskdik ik kk

RARARRRARARARRRKRARRKIAR. . ShhhhhhkhRhhdhddhhkd ki ki hkk

N ENTER STABILITY AXIS CCEFFICITNTS FOR TRANSFORMATION

. TO BODY AXIS. TRIM ALPHA IS NEEDED FOR CONVERSION.

MOMENT COEFFICIENTS AND SIDEFORCE COEFFICIENTS NOT -

REQUSSTED REMAIN UNCHANGED. -

NOTE: ALL COEFFICIENTS ARE REQUESTED WIEN COMPUTING -

DIMENSIONAL DERIVATIVES. .!

RARARRRKRRRARRKIRARK R AR kRR KA hAIRRKRARRARE KK KA KAk

TO TRANSFORM ONLY LONGITUDINAL DATA = TYPE LONG

TO TRANSFORM OXNLY LATERAL-DIRECTIONAL DATA - TYPE LAT

TO TRANSFORM BOTH LONG AND LAT-DIR DATA - TYPE BOTH

KEYWORD =BOTH

ARE DIMENSIONAL BODY AXIS DERIVATIVES REQUIRED ? (YES/NO)YES

L T T

Q (DYNAMIC PRESSURE - LBS/FT2) = 552.11295

S (WING REFERENCE AREA - FT2) = 300.0

C (WING MEAN AERODYNAMIC CORD - FT) = 11.32

B (WING SPAN - FT) = 30.0

VT (TRIM VELOCITY - FT/SEC) = 933,23

THETA (PITCH ANGLE - DEGS) = 1.86

W (WEICHT - LBS) = 21018.0

INERTIAS MUST BE INPUT IN BODY AXIS.

IXX (SLUG-FT2) = 10033.429

IYY (SLUG-FT2) = 53876.269

1ZZ (SLUG-FT2) = 61278.452

IXZ (SLUG-FT2) = 282.13217

RRRRARRRKARRRARKRARRKRRRRK KA KA RKRARRRARARARARAAR ARk
AIRCRAFT PARAMETERS

(DYNAMIC PRESSURE - LBS/FT2) = 552.113

(WING REFERENCE AREA - FT2) = 300.000

(WING MEAN AERODYNAMIC CORD - FT) = 11.3200

(WING SPAN - FT) =  30.0000

(TRIM VELOCITY - FT/SEC) = 933.230

THETA = 1.86000

W (WEIGHT - LBS) = 21018.0

IXX (SLUG-FT2) = 10033.4

IYY (SLUG-FT2) = 53876.3

1ZZ (SLUG-FT2) = 61278.5

IXZ (SLUG-FT2) = 282.132

RARARARKRRAKRRRRRRKARRRARARIRAKRRAKRRRRARA A ARk AR kk

IS THE ENTERED DATA CORRECT ? (YES/NO)YES
ARERRRRRRRRRRRRARRRRAKRARARRARRKARARAREARR AR R AR Rkk N
ALPHA (DEG) = 1.86

CL = 0.12618613 -
CLA (1/DEG) = 0.094812 -
CLDE (1/DEG) = 0.009578

CLDF (1/DEG) = 0.015718

CLQ (1/RAD) = 3,161717

CLAD (1/RAD) = =1.357762

CLU (1/(FT/SEC)) = =0.000442

s BONLO
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Ch = 0.023765548
CDA (1/DEG) = 0.002636
CDDZ (1/DEG) = 0.000173
CDDF (1/DEG) = 0.000351
CDU (1/(FT/SEC)) = 0.,00016
Ct = 0.0
MA (1/DEGC) = 0.001938
CMDE (1/DEG) = -0.012086
CMDF (1/DEG) = -0.00328
CQ (1/RAD) = -2,382199
CMAD (1/RAD) = -1,307597
CMU (1/(FT/SEC)) = -0.00006
Rdekkhhkxhkhkhhhkhkhhhhdkhhkihkihdhdhkdiikkikkikihkidkhiikikkk
LONGITUDINAL STABILITY AXIS COEFFICIENTS
ALPHA = 1.86000

.
B3 A, aala BE M. 2 a

CL = « 126 186 cM = O, Ch = «237655E-01
CLA = «948120E-01 CMA = « 193800E-02 CDA = «263600E~02
CLDE = «957800E-02 CMDE = -,120860E-01 CDDE = « 173000E-03
CLDF = »157180E-01 CMDF = -.328000E-02 CDDF = «351000E-03
CcLQ = 3.16172 Q= -2.38220
CLAD = -1.35776 CMAD = -1,30760

CLU = =.442000E-03 CMU = -.600000E-04 cbuy = ., 160000E-03

RkhhkRhkkhhkRhhkhkhkhkhkhhhkhkhkhkhkkhkhkhhkhhkhhkkhhhhkhhkhhhkkkihk

IS TilE ENTERED DATA CORRECT ? (YES/NO)YES
FekdkkhhkhhhhhRhhhhhkhkkhkkhhhkhhhkhhhkhhhhhhhkrhhhkhhkhh

LONGITUDINAL BODY AXIS COEFFICIENTS (1/RAD)

€z = -.126891 CX = =-.196573£-01
CZA = =5.45937 CMA = 110979 CXA = .150896
CZDE = =-.548812 CXDE =  .790500E-02
CZDF = =-.900753 CXDF =  .913012E-02
€zQ = -3.16005 cXQ =  .102621
CZAD =  1.35633 CMAD = =-1.30691 CXAD = =-.440462E-01
CZU = -.761884E-01 CMU = -.366402E-02 CXU = =.444101E-01
R Ak dede dedede e dodk K de s Je gk d e de Je do de ok de sk e dede A ek de de ok ok & sk dede g e ke e ek Kk
LONG BODY AXIS DIMENSIONAL DERIVATIVES
Z = =-21017.5 M= 0. X = =3255.92
ZA = =-1385.34 MA =  3.86223 XA = 38,2906
ZDFE = -139.263 MDE = =-24.0992 XDE =  2.00593
ZDF = =-228.570 MDF = =-6.54025 XDF =  2.31681
2Q = -4.86335 MQ = =-.502810 XQ =  .157935
ZAD =  2.08741 MAD = =.275849 XAD = =-.677876E-01
ZU = =.207164E-01 MU = =-.136636E-03 XU = -,120755E-01
RERKRRRRKRRRRARRRAKRRAARRRARKRIARKARRAAARR AR khkhrhkk kR
LONG BODY AXIS PRIMED DIMENSONAL DERIVATIVES
ZA' = -1.48446 MA' = 4,27171 XA' =  38.2906
ZDE' = -.149227 MDE' = =-24.0581 XDE' =  2.00593
ZDF' = =.244924 MDF' = =-6.47269 XDF' =  2.31681
2Q' =  .994789 MQ' = =.777221 XQ' = =30.1376
ZU' = -.221986E-04 MU' = -,130513E-03 XU' = =-.120755E-01

ZTHETA' = -, 111991E-02 MTHETA' = ,308924E-03 XTHETA' = -32.1830
RRAARANAARARARARRRARARARRRRANRRRARRRKARRRRRARARRANAR
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RARARRRARRRARRARRARKRRRRRAKRRRRRRAIRRRRAAARA KRRk KRRk
CNB (1/DEG) = 0.001675
CNP (1/RAD) = -0.005541
CMR (1/RAD) = =0.27912
CNDR (1/DEC) = -0.001272
CXDA (1/DEG) = -0.00016
CNDDT (1/DEG) = -0.000997
CNDC (1/DEGC) = 0.001256
CLB (1/DEG) = -0.001901
CLP (1/RAD) = -0.351217
CLR (1/RAD) = 0.021937
CLDR (1/DEG) = 0,000331
CLbA (1/DEG) = -0.001804
CLDDT (1/DEG) = -0.001816
CLDC (1/DEG) = 0.00023
CYB (1/DEG) = -0.022052
CYP (1/RAD) = 0.057563
CYR (1/RAD) = 0.557635
CYDR (1/DEG) = 0.002377
CYDA (1/DEG) = -0.000088
CYODT (1/DEG) = 0.001708
CYDC (1/DEG) = 0.001716
RRRRRARARRRARRKARRRKRRRRRRRARRARKRRARRRAA KRR IR AR R &

LAT-DIR STABILITY AXIS COEFFICIEXNTS

CNB = .167500E-02 CLB = ~.190100E-02 CYB = =-.220520E-01
'i’ CNP = =.554100E~02 CLP = =-.351217 CYP = .575630E-01
CNR = =-.279120 CLR = .219370E-01 CYR = .557635
CNDR = =-.127200E-02 CLDR = .3310005-03  CYDR = .237700E-02
CNDA = =.160000E-03 CLDA = =-.180400E-02  CYDA = =-.880000E-04
CNDDT = =-.997000E~03 CLDDT = =-.181600E-02 CYDDT = .170800E-02
CNDC =  .125600E-02 CLDC = .230000E-03  CYDC = .171600E-02
RARRRRRARARRRRRARARRRAARRRARRRARRARARARARAARAARRARARAAR
IS THE ENTERED DATA CORRECT ?  (YES/NO)YES
RARRRRRRAARRRARARRAARRARRRARARAAARARRRAARRRAAARAAA AR
LAT-DIR BODY AXIS COEFFICIENTS
CNB = .923846E-01 CLB = ~.111977 CYB = -1.26349
CNP = =-.789712E-02 CLP = -.351673 CYP =  .394333E-01
CNR = =-.278664 CLR = .195809E-01 CYR = .559210
CNDR = =-.722263E-01 CLDR = .213204E-01 CYDR = .136192
CNDA = =-.125173E-01 CLDA = ~.103010 CYDA = -.504203E-02
CNDDT = =-.604710E-01 CLDDT = =.102140 CYDDT =  .978612E-01
CNDC = .723533E-01 CLDC = .108353E-01  CYDC = .983196E-01
RARRRARRRARARRAARRRARRARARRRARAAARARRAR AR RARA R AR hhddhdh
LAT-DIR BODY AXIS DIMENSIONAL DERIVATIVES
NB = 7.49139 LB = ~55.4561 Y8 = -320.615
NP = =.102928E-01 LP = -2.79938 YP =  .160834
MR = =-.363200 LR = .155868 YR = 2.28082
NDR = =5.85677 LDR = 10.5589 YOR = 34,5593
NDA = =-1.01502 LDA = =51.0151 YDA = -1.27944
NDDT = =4.90354 LDDT = =50.5845 YODT =  24.8327
-  5.86707 LDC = 5.36616 YDC =  24.9490

-~ NDC
A RARARARARAAARRRANRRRRARAAARRRARAARRRRRR AR AARRARNARAR
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LAT-DIR BODY AXIS PRIMED DIMENSIOMAL DERIVATIVES

NB' = 7.23700 LB' = -55,2526 YB' = =.343554

NP' = -,231845E-01 LP' = -2.80004 YP' = «326355E-01

NR' = =,362530 LR' = . 145674 YR' = =-,997556
NDR' = =5.80890 LDR' = 10. 3955 YDR' = +370320E-01
NDA' = =1,25006 LDA' = =51.0502 YDA' = -.137098E-02
NDDT' = =5.13710 LDDT' = =50,7290 YDDT' = +266094E-01
NDC' = 5.89254 LDC' = 5.53185 YDC' = +267341E-01

RARRRRRAkkkhhkhhhhhhkhhhhhkkhhhhhkhhrhkhhhhhhkhkhhhhhhihhdhhh

IS ANOTHER PROGRAM RUN DESIRED ? (YES/NO)NO
KARRRRIRIRRRRRIARKARRRRRRRAXRARRRRRKRRARARRR AR AR KRR R
END CAT
027000 MAXIMUM EXECUTION FL.
0.242 CP SECONDS EXECUTION TIME.
COMMAND-

3

.
2
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Program Listing for the Conversion and Transformation
- (CAT) Program

100= FROGRAM CAT (INPUT,OUTPUT, TAPES=INPUT, TAPE6=0OUT PUT)

110= REAL ALRIA, CL, CLA, CLDE, CLDF, CLQ, CLAD, CLU,

120= 1CD, CDA, CDDF,, CDOF, CDU,

130= 2Cz,C2A,CZDE, CZDF, CZQ, CZAD, CZU,

140= 3CX, CXA, CXDE, CXDF, CXU, DALPIA, DFR,

150= 4CNB,CNP, CN?,

160= 5CNDR, C}DA, CNDDT, CNDC,

170= 6CLB,CLP, CLR,

180=  7CLDR,CLDA, CLDDT,CLDC,

190= 8CYP,CYR, L, N,

200= 9M, 111, MA, MAD, MQ, MU, MDE, MDF

210= DPR = 57.2957795

220= WRITE(6,5)

230- 5 FORMAT( lx' "****************************************************")
240= WRITE(6, 10)

250= 10 FORMAT(1X, "#####kk* AX]S TRANSFORMATION PROGRAM *akAikkkiakkhkk ™)
260= WRITE(6, 20)

270= 20  FORMAT(1X, "AkRkkrhhihkhhrhhhhk kA kkhhhR ARk XA RRRIARRER KK AXRAR")

280= WRITE(6, 100)

290= 100 FORMAT(1X,*ENTER STABILITY AXIS COEFFICIENTS FOR TRANSFORMATION*)
300= WRITE(6, 101)

310= 101 FORMAT(1X,*TO BODY AXIS. TRIM ALPHA IS NEEDED FOR CONVERSION.*)
320= WRITE(6, 102)

330= 102 FORMAT(1X,*MOMENT COEFFICIENTS AND SIDEFORCE COZFFICIENTS NOT*)

340= WRITE(6, 40)

350= 40  FORMAT( 1X, *REQUESTED REMAIN UNCHANGED.*)

360= WRITE(6, 41)

370= 41 FORMAT(1X,*NOTE: ALL COEFFICIENTS ARE REQUESTED WHEN COMPUTING*)
380= WRITE(6,42)

390= 42  FORMAT(1X, *DIMENSIONAL DERIVATIVES.*)

400= 103 CONTINUE

410= WRITE(6, 30)

420= 30 FORHAT( lx’ "*********************************ﬁ**********t*******")
430= WRITE(6, 106)

440= 106 FORMAT(1X,*TO TRANSFORM ONLY LONGITUDINAL DATA ~ TYPE LONG*)
450 WRITE(6, 107)

460= 107 FORMAT( 1X,*TO TRANSFORM ONLY LATERAL-DIRECTIONAL DATA -~ TYPE LAT*)
470= WRITE(6, 108)

480= 108 FORMAT(1X,*TO TRANSFORM BOTH LONC AND LAT-DIR DATA ~ TYPE BOTH*)
490= WRITE(6, 111)

500= 111 FORMAT(1X,*KEYWORD =  *)

510= READ(5, 109) KEY

520= 109 FORMAT(A3)

530= IF(KEY .EQ. 3HLAT) GO TO 104
540= IF(KEY .EQ. 3HLON) GO TO 104
550= IF(KEY .EQ. 3HBOT) GO TO 104
560= GO TO 103

570= 104 CONTINUE
580= 2000 CONTINUE
590= WRITE(6,2010)
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;}?4 600= 2010 FORMAT( 1X,*ARE DIMENSIONAL BODY AXIS DERIVATIVES REQUIRED ? (YES/

610= INO)*)
620= READ(5, 2020) KEY1
630= 2020 FORMAT(A3)
640= WRITE(6, 2030)
650= 2030 FORMAT( 1X, "#¥kkkAkkhkakhhhkkRkkhhhRRXRRRRRKIARRRIRARRRARE AR R RARA ")
660= IF (KEY1 .EQ. 3HYES) GO TO 2040
670= IF (KEY1 .EQ. 3HNO ) GO TO 2150
680~ GO TO 2000
690= 2040 CONTINUE ]
700= WRITE(6, 2050) ;
710= 2050 FORMAT(1X,*Q (DYNAMIC PRESSURE — LBS/FT**2) = #) 3
720= READ(5,*) Q |
730= WRITE(6, 2060) i
740= 2060 FORMAT(1X,*S (WING REFERENCE AREA — FT*#2) = *)
750= READ(5,*%) S |
760= WRITE(6, 2065) 1
770= 2065 FORMAT(1X,*C (WING MEAN AERODYNAMIC CORD - FT) = *) ‘
780= READ(5,*) C J
790= WRITE(6, 2070)
800= 2070 FORMAT(1X,*B (WING SPAN = FT) = *)
810= READ(5,*) B
820= WRITE(6, 2080)
830= 2080 FORMAT(1X,*VT (TRIM VELOCITY - FT/SEC) = *)
840= READ (5,*) U
850= WRITE(6, 2081)
860= 2081 FORMAT(1X,*THETA (PITCH ANGLE - DECS) = *)
870= READ(S,*) DTHETA
880= WRITE(6, 2085)

¥ 890= 2085 FORMAT(1X,*W (WEIGHT - LBS) = *)

5 900= READ(5,*) W

' 910= WRITE(6, 2090)
920= 2090 FORMAT( 1X,*INERTIAS MUST BE INPUT IN BODY AXIS.*)

¥ 930= WRITE(6, 2100)

™ 940= 2100 FORMAT(1X,*IXX (SLUG-FT**2) = *)

E; 950= READ(S,*) BIXX

3 960= WRITE(6,2110)

] 970= 2110 FORMAT(1X,*IYY (SLUG-FT**2) = *)

E 980= READ(S,*) BIYY

- 990= WRITE(6, 2120)

N 1000= 2120 FORMAT(1X,*IZZ (SLUG-FT**2) = *)

- 1010= READ(5,*) BIZZ

) 1020= WRITE(6,2130)

ii 1030= 2130 FORMAT(1X,*IXZ (SLUG-FT**2) = #)
1040= READ(5,*) BIXZ

Y 1050= WRITE(6, 2 140)

g 1060= 2140 FORMAT( LX, "*A*RAAXARARRARRARRAERRARARARREIANARRAARRARAKRRRRRRAR ")

’ 1070= WRITE(6, 3030)

” 1080= 3030 FORMAT( 16X, *ATIRCRAFT PARAMETERS*)

] 1090= WRITE(6,3050) Q

! -~ 1100= 3050 FORMAT(1X,*Q (DYNAMIC PRESSURE - LBS/FT#%2) = * G13.6)

o 1110= WRITE(6, 3060) S
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1120=
1130=
1140=
1150=
1160=
1170=
1180=
1190=
1200=
1210=
1220=
1230=
1240=
1250=
1260=
1270=
1280=
1290=
1300=
1310=
1320=
1330=
1340=
1350=
1360=
1370=
1380=
1390=
1400=
1410=
1420
1430=
1440=
1450=
1460=
1470=
1480=
1490=
1500=
1510=
1520=
1530=
1540=
1550=
1560=
1570=
1580=
1590=
1600=
16 10=
1620=
1630=

3060
3065
3070
3080
3081
3085
3100
3110
3120
3130

3140
3000

3010
3020
3025

2150
105

110

120

130

140

150

FORMAT(1X,*S (WING REFERENCE AREA - FT**2) = #,G13.6)
WRITE(6, 3065) C

FORMAT(1X,*C (WING MEAN AERODYNAMIC CORD - FT) = *,G13.6)
WRITE(6, 3070) B

FORMAT(1X,*B (WING SPAN - FT) = *,G13.6)

WRITE(6,3080) U

FORMAT( 1X,*VT (TRIM VELOCITY - FT/SEC) = *,G13.6)
WRITE(6,3081) DTHETA D
FORMAT( 1X, *THETA = *,G13.6)

WRITE(6, 3085) W Q’
FORMAT(1X,*W (WEIGHT - LBS) = *,G13.6)
WRITE(6, 3100) BIXX

FORMAT( 1X, *IXX (SLUG-FT**2) = * G13.6)
WRITE(6,3110) BIYY
FORMAT(1X,*1YY ‘SLUG=FT**2) = *,G13.6)

WRITE(6, 3120) BizZ

FORMAT(1X,*1ZZ (SLUG-FT**2) = % G13.6)

WRITE(6,3130) BIXZ

FORMAT(1X, *IXZ (SLUG-FT**2) = % ,G13.6)

WRITE(6, 3140)

FORMAT( lx’ "RRRBAXERRRRRRRRARARARRRAARRAARARRRERARARARARAR A AR RAR AR ")
CONTINUE

WRITE(6,3010)

FORMAT(1X,*IS THE ENTERED DATA CORRECT ? (YES/NO) *)

READ(S5, 3020) DATA3

FORMAT(A3)

WRITE(6, 3025)

FORHAT( lx. "**t***ttt*t*******t**********t***t****ttt***********")
IF(DATA3 .EQ. 3HNO ) GO TO 2040

IF(DATA3 .EQ. 3HYES) GO TO 2150

GO TO 3000

CONT INUE

WRITE(6, 105)

FORMAT(1X,*ALPA (DEG) = *)

READ(S5,*) DALPHA

ALPHA = DALPHA/DPR

IF(KEY .EQ. 3HLAT)GO TO 460

WRITE(6, 110)

FORMAT (1X,*CL = %)

READ(5,*) CL

WRITE(6, 120)

FORMAT( 1X,*CLA ( 1/DEG) = *}

READ(5,%) CLA

WRITE(6, 130)

FORMAT( 1X,*CLDE (1/DEG) = *)

READ(5,*) CLDE

WRITE(6, 140)

FORMAT( 1X, *CLDF ( 1/DEG) = *) ]
READ(S,*) CLDF 1
WRITE(6, 150) -
FORMAT(1X,*CLQ (1/RAD) = *)
READ(5,*) CLQ
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WRITE(6, 160)

FORMAT( 1X,*CLAD (1/RAD) = *)

READ(5,*) CLAD

WRITE(6, 170)

FORMAT( 1X,*CLU (1/(FT/SEC)) = *)

READ(S,*) CLU

WRITE(6, 180)

FORMAT( 1X,*CD = *)

READ(5,*) CD

WRITE(6, 190)

FORMAT( 1X,*CDA (1/DEG) = *)

READ(S,*) CDA

WRITE(6,200)

FORMAT( 1X,*CDDE (1/DEG) = *)

READ(S,*) CDDE

WRITE(6, 210)

FORMAT( 1X,*CDDF ( 1/DEG) = *)

READ(S5,*) CDDF

WRITE(6,220)

FORMAT( 1X,*CDU (1/(FT/SEC)) = *)

READ(S,*) CDU

WRITE(6, 1000)

FORMAT( 1X,*CM = *)

READ(S,*) CM

WRITE(6, 1010)

FORMAT( 1X,*CMA ( 1/DEG) = *)

READ(S5,%*) CMA

IF (KEY1 .EQ. 3HNO ) GO TO 1005

WRITE(6, 1030)

FORMAT( 1X,*CMDE (1/DEG) = *)

READ(5,%*) CMDE

WRITE(6, 1040)

FORMAT( 1X, *CMDF ( 1/DEG) = *)

READ(S,*) CMDF

WRITE(6, 1050)

FORMAT( 1X,*CMQ (1/RAD) = *)

READ(5,*) CMQ

CONTINUE

WRITE(6, 1060)

FORMAT( 1X, *CMAD (1/RAD) = *)

READ(S,*) CMAD

WRITE(6, 1020)

FORMAT( 1X,*CMU (1/(FT/SEC)) = *)

READ(5,*) CMU

WRITE(6, 225)

PORMAT( lx‘ "*t**tt***tt*********t*t*ﬁt******t*tt*tt**ti*****i***")
WRITE(6,226)

FORMAT(6X, *LONGITUDINAL STABILITY AXIS COEFFICIENTS*)
WRITE(6,230) DALPHA .
FORMAT( 15X, *ALPHA =* ,G13.6) »
IF (KEY1l .EQ. 3HYES) GO TO 1080
WRITE(6,240) CL,CD

"
=
1
a
=
o
i
. N
iy
o
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S 2160= 240 FORMAT(1X,*CL = * G13.6,6X,*CD = *,G13.6)
" 2170= WRITE(6,250) CLA,CDA
2180= 250 FORMAT(1X,*CLA = * (13.6,5X,*CNPA = * G13.6)
2190= WRITE(6,260) CLDE,CDDE
2200= 260 FORMAT(1X,*CLDE = *,G13.6,4X,*CDDE = * G13.6)
2210= WRITE(6,270) CLDF,CDDF
2220= 270 FORMAT(1X,*CLDF = * G13.6,4X,*CDDF = * ,G13.6)
2230= WRITE(6,280) CLQ
2240= 280 FORMAT(1X,*CLQ = *,G13.6)
2250= WRITE(6,290) CLAD
2260= 290 FORMAT(1X,*CLAD = * ,G13.6)
2270= WRITE(6,300) CLU,CDU
2280= 300 FORMAT(1X,*CLU = * ,G13.6,5X,*CDU = *,G13.6)
2290= 1080 CONTINUE

2300= IF(KEY1 .EQ. 3HNO ) GO TO 1170
2310= WRITE(6, 1090) CL,CM,CD
2320= 1090 FORMAT(4X,*CL = *,G13.6,9X,*CM = *,G13.6,6X,*CD = *,G13.6)
2330= WRITE(6, 1100) CLA, CMA, CDA
2340= 1100 FORMAT(3X,*CLA = *,G13.6,8X,*CMA = *,G13.6,5X,*CDA = *,G13.6)
2350= WRITE(6, 1110) CLDE,CMDE, CDDE
2360= 1110 FORMAT(2X,*CLDE = *,G13.6,7X,*CMDE = *,G13.6,4X,*CDDE = *,G13.6)
r 2370= WRITE(6, 1120) CLDF, CMDF, CDDF
3 2380= 1120 FORMAT(2X,*CLDF = * G13.6,7X,*CHMDF = *,G13.6,4X,*CDDF = *,G13.6)
- 2390= WRITE(6, 1130) CLQ, CMQ
2400= 1130 FORMAT(3X,*CLQ = *,G13.6,8K,*CMQ = *,G13.6)
. 2410= WRITE(6, 1150) CLAD, CMAD
O 2420= 1150 FORMAT(2X,*CLAD = *,G13.6,7X,*CMAD = *,G13.6)
2430= WRITE(6, 1140) CLU, CMU, CDU

2440= 1140 FORMAT(3X,*CLU = *,G13.6,8X,*CMU = *,G13.6,5X,*CDU = *,G13.6)
2450= 1170 CONTINUE

2460= WRITE(6,310)

2470= 310 FORMAT( 1X, "**RRARAARKRRRKAKRKRARARRRARAAARREARRRARRRARAKARRRARL " )

2480= 315 CONTINUE

2490= WRITE(6,320)

2500= 320 FORMAT(1X,*IS THE ENTERED DATA CORRECT ?  (YES/NO)*)
2510= READ(S5,330) DATAl

2520= 330 FORMAT(A3)

2530= WRITE(6, 335)

2560— 335 FORMAT( lx, "**t**************************t*********tt*****t*****")
2550 IF(DATALl .EQ. 3HNO ) GO TO 2150

2560= IF(DATA1 .EQ. 3HYES) GO TO 340

2570= GO TO 315

2580= 340 CONTINUE

2590= WRITE(6, 345)

2600= 345 FORMAT(6X,*LONGITUDINAL BODY AXIS COEFFICIENTS (1/RAD)*)
2610=C

2620 CLA = CLA*DR

2630+ CLDE = CLDE*DPR

2640 CLDF = CLDF*DPR

2650= CDA = CDA*DPR

2660= CDDE = CDDE*DPR

CDDF = CDDF*DPR
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o
o
7 ~ 2680= CMA = CMA*DPR
- 2690=C
{ 2700= IF (KEY!l .EQ. 34NO ) GO TO 346
o 2710=C
b 2720= CMDE = CMDE*D PR
- 2730= CHMDF = CMDF*DIR
2740=C
2750= 346 CONTINUE
2760=C
§ 2770= SCZA = -CLA - CD
2ot 2780= SCZAD = =CLAD
N 2790= SCzQ = -CLQ
{ 2800= SCZU = =CLU - 2.0*CL
x 2810= SCZDE = -CLDE
2820= SCZDF = -CLDF
N 2830= SCXA = -CDA + CL
o 2840= SCXU = =CDY = 2.0*CD
o 2850= SCXDE = -CDDE
o 2860= SCXDF = -CDDF
1 2870=C
s 2880= CAL = COS(ALPHA)
2 2890= SAL = SIN(ALPIA)
) 2900= COSSN = CAL**2
- 2910= SINSQ = SAL**2
- 2920= COSSIN = CAL*SAL
6 2930=C
2940= CZ = =CL*CAL - CD*SAL
" 2950= CZA = SCZA*COSSQ +(SCZU+SCXA)*COSSIN + SCXU*SINSQ
o 2960= CZAD = SCZAD*COSSQ
) 2970= CZQ = SCZQ*CAL
< 2980= CZU = SCZU*COSSQ - (SCZA-SCXU)*COSSIN = SCXA*SINSQ
= 2990= CZDE = SCZDE*CAL + SCXDE*SAL
3000= CZDF = SCZDF*CAL + SCXDF*SAL
! 3010=C
3 3020= CX = =CD*CAL + CL*SAL
- 3030= CXA = SCXA*COSSQ + (SCXU-SCZA)*COSSIN - SCZU*SINSQ
z; 3040= CXAD = CLAD*COSSIN
3050= CXQ = CLQ*SAL
A 3060= CXU = SCXU*COSSQ - (SCXA+SCZU)*COSSIN + SCZA*SINSQ
. 3070= CXDE = SCXDE*CAL - SCZDE*SAL :
" 3080= CXOF = SCXDF*CAL - SCZDF*SAL :
& 3090=C X
~, 3100= BCMA = CMA*CAL + (CMU + 2.0*CM)*SAL 1
X 3110= BCMAD = CMAD*CAL a
o 3120= BOMU = (CMU + 2.0*CM)*CAL - CMA*SAL _
4 3130=C :
) 3140= WRITE(6,350) Cz,CX ]
~ 3150= 350 FORMAT(4X,*CZ = *,G13.6,33X,*CX = * ,G13.6) R
) 3160= WRITE(6,360) CZA,BQMA,CXA ' 1
: 3170= 360 FORMAT(3X,*CZA = *,G13.6,8X,*CMA = * G13.6,5X,*CXA = *,G13.6) ‘
o Y 3180= WRITE(6,370) CZDE, CXDE
SN 3190= 370 FORMAT(2X,*CZDE = *,G13.6,31X,*CXDE = *,G13.6) i
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3200=
3210=
3220=
3230=
3240=
3250=
3260=
3270=
3280=
3290=
3300=
3310=
3320=
3330=
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3390=
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400
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WRITE(6, 380) CZDF,CXOF

FORMAT(2X,*CZDF = *,G13.6,31X,*CXDF = *,G13.6)

WRITE(6,390) CZ7Q,CXN

FORMAT(3X,*CZQ = *,G13.6,32X,*CXQ = *,G13.6)

WRITE(6,400) CZAD, BCMAD, CXAD

FORMAT(2X,*CZAD = * G13.6,7X,*CHAD = *,G13.6,4X,*CXAD = * G13.6)
WRITE(6,410) CZU, BCHU, CXU

FORMAT(3X,*CZU = *,G13.6,8X,*CU = * G13.6,5X,*CXU = * G13.6)

WRITE(6, 420)
FORMAT( IX, "k kkhkk Ak khkARARARkARARRARRXRK AR RRARRA KRR I KR RARK ")

IF (KCY1l .EQ. 3{NO ) GO TO 1360
Z1 = (Q*S*32.2)/W

A = C/(2.0%*0)

THETA = DTHETA/DPR

Z = Q*S*CZ

ZA = Z1*CZA

ZAD = Z 1*A*CZAD
2Q = Z1*A*CZQ
ZU = (Zz1/U)*CzU
ZDE = ZI*CZDE
ZDF = Z1*CZDF

X = Q*S*CX

XA = Z1*CXA

XAD = Z 1*A*CXAD
XQ = Z1*AXCXQ
XU = (Z1/U)*CXU
XDE = Z 1*CXDE
XDF = Z 1*CXDF

M1 = (Q*S*C)/BIYY

M = QAS*CHCM
MA = MI*BCMA
MAD = M 1*A*BCMAD
MQ = M1*ARCHQ
MU = (M1/U)*BCMU
MDE = M1*CMDE
MDF = M1*CMDF

WRITE(6, 1180)

FORMAT(5X, *LONG BODY AXIS DIMENSIONAL DERIVATIVES*)

WRITE(6, 1190) Z,M,X

FORMAT(5X,*Z = *,G13.6, 10X,*M = *,G13.6,7X,*X = *,G13.6)
WRITE(6, 1200) ZA,MA, XA

FORMAT(4X,*ZA = * G13.6,9X,*MA = * G13.6,6X,*XA = *,G13.6)
WRITE(6, 1210) ZDE,MDE, XDE

FORMAT(3X,*ZDE = *,G13.6,8X,%MDE = *,G13.6,5X,*XDE = *,G13.6)
WRITE(6, 1220) ZDF,MDF, XDF

FORMAT(3X, *ZDF = *,G13.6,8X,*MDF = *,G13.6,5X,*XDF = * G13.6)
WRITE(6, 1230) 2Q,MQ, XQ
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oy 3720= 1230 FORMAT(4X,*ZQ = *,G13.6,9X,*MQ = *,G13.6,6X,*XQ = *,G13.6)

N 3730= WRITE(6, 1250) ZAD, MAD, XAD
{ 3740= 1250 FORMAT(3X,*ZAD = *,G13.6,8X,*MAD = * G13.6, 5X,*¥AD = *,G13.6)
.. 3750= WRITE(6, 1240) 2U, MU, XU
3760= 1240 FORMAT(4X,*ZU = *,C13.6,9X,*MU = *,C13.6,6X,*XU = * G13.6)
L 3770= WRITE(6, 1269)
:: 3780- 1260 FORMAT( ]x’ "************************t***************************“)
- 3790=C
3800= PZA = ZA/U
N 3810= PZQ = (zZQ/U) + 1.0
~ 3820= PZU = ZU/U
iy 3830= PZDE = ZDE/U
- 3840= PZDF = ZDF/U
v 3850= PZTHETA = -(32.2/U)*SIN(THETA)
3860=C
.o 3870= PMA = MA + MAD*PZA
- 3880= PMQ = MQ + MAD*PZQ
L 3890= PMU = MU + MAD*PZU
T 3900= PMDE = MDE + MAD*PZDE
o 3910= PMDF = MDF + MAD*PZDF
- 3920= PMTHETA = MAD*PZTHETA
- 3930=C
R 3940= PXQ = XQ - U*ALPHA
N 3950= PXTHETA = -32.,2*COS(THETA)
" 3960= WRITE(6, 1280)
o ‘i’ 3970= 1280 FORMAT(5X,*LONG BODY AXIS PRIMED DIMENSONAL DERIVATIVES*)
_ 3980= WRITE(6, 1290) PZA, PMA, XA
- 3990= 1290 FORMAT(3X,*ZA' = * G13.6,8X,*MA' = * G13.6,5X,*XA’ = * G13.6)
o 4000= WRITE(6, 1300) PZDE, RIDE, XDE
- 4010= 1300 FORMAT(2X,*ZDE' = *,G13.6,7X,*MDE’' = * G13.6,4X,*XDE' = * G13.6)
- 4020= WRITE(6, 1310) PZDF, PMDF,XDF
: 4030= 13100FORMAT(2X,*ZDF' = * ,G13.6,7X,*MDF' = * G13.6,4X,*XDF' = *,G13.6)
-~ 4040= WRITE(6, 1320) PZQ, PMQ, PXQ
- 4050= 1320 FORMAT(3X,*ZQ' = *,G13.6,8X,*MQ' = *,G13.6,5X,*XQ' = *,G13.6)
o 4060= WRITE(6, 1330) PZU, PMU, XU
) 4070= 1330 FORMAT(3X,*ZU' = * ,G13.6,8X,*MU' = * G13.6,5X,*XU*' = * G13.6)
F.- 4080= WRITE(6, 1340) PZTHETA, PATHETA, PXTHETA
4090= 1340 FORMAT(1X,*ZTHETA' = *,G12.6,4X,*MTHETA' = *,G12.6, 3X, *XTHETA' = *
4100= +,G12.6)
4110= WRITE(6, 1350)
4120= 1350 FORMAT( 1X, "#ARRARRARARAKRRARRRARARARARARAAARRARRARARRRARARRRAR A ™)
4130= 1360 CONTINUE
N 4140= IF(KEY .EQ. 3HBOT) GO TO 446
= 4150= 421 CONTINUE
S 4160= WRITE(6, 430)
. 4170= 430 FORMAT(1X,*IS ANOTHER PROGRAM RUN DESIRED ? (YES/NO)*)
S 4180= READ(5,440) RUN
33 4190= 440 FORMAT(A3)
o 4200= WRITE(6, 445)
. 1.2 10= LI.S FORMAT( ]_x’ "*tt************i***ﬁ*t*t******t*t*t*****t********t**")
. = 4220= IF(RUN .EQ. 3HNO ) GO TO 450
o 4230= IF(RUN .EQ. 34YES) GO TO 103
o -
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4240=
4250=
4260=
4270=
4280=
4290=
4300=
4310=
4320=
4330=
4340=
4350=
4360=
4370=
4380=
4390=
4400=
4410=
4420=
4430=
4440=
4450=
4460=
4470=
4480=
4490=
4500=
4510=
4520=
4530=
4540=
4550=
4560=
4570=
4580=
4590=
4600=
4610=
4620=
4630=
4640=
4650=
4660=
4670=
4680=
4690=
4700=
4710=
4720=
4730~=
4740=
4750=

446

447

460

455

470

480

490

500

510

520

530

540

550

560

570

580

590

611

609

GO TO 421

CONTINUE

WRITE(6,447)

FORMAT( IX, "*ARKRAKXKRKAKKAKKRRRKAKIARK IR AK AKX AI Ak kAR AR AR ARRAAXX L")
CONTINUE

WRITE(6,455)
FORIAT(1X, *CNB (1/DEG)
READ(S,*) CuB
WRITE(6,470)

FORMAT( 1X,*CNP (1/RAD)
READ(S5,*) CAP
WRITE(6,480)

FORMAT( 1X,*CNR (1/RAD)
READ(5,*) CMR
WRITE(6, 490)

FORMAT( 1X,*CNDR (1/DEG) = *)
READ{5,*) CNDR

WRITE(6, 500)

FORMAT(1X,*CNDA (1/DEG) = *)
READ(5,*) CNDA

WRITE(6,510)

FORMAT( 1X, *CNDDT (1/DEG) = *)
READ(5,%) CNDDT

WRITE(6, 520)

FORMAT(1X,*CNDC ( 1/DEG) = *)
READ(S5,%*) CHNDC

WRITE(6, 530)

FORMAT(1X,*CLB (1/DEG) = *)
READ(5,*) CLB

WRITE(6, 540)

FORMAT(1X,*CLP (1/RAD) = *)
READ(5,*) CLP

WRITE(6, 550)

FORMAT( 1X,*CLR (1/RAD) = *)
READ(5,*) CLR

WRITE(6, 560)

FORMAT(1X,*CLDR (1/DEG) = *)
READ(S,*) CLDR

WRITE(6,570)

FORMAT( 1X,*CLDA (1/DEG) = *)
READ(5,*) CLDA

WRITE(6, 580)

FORMAT( 1X,*CLDDT (1/DEG) = *)
READ(5,*) CLDDT

WRITE(S, 590)

FORMAT( 1X,*CLDC (1/DEG) = *)
READ(5,*) CLDC

IF (KEY1l .EQ. 3HNO ) GO TO 609
WRITE(6,611)

FORMAT( 1X,*CYB ( 1/DEG) = *)
READ(5,*) CYB

CONTINUE

*)

*)

L]

*)
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4760= WRITE(6, 600)
4770= 600 FORMAT(1X,*CYP (1/RAD) = *)

4730= READ(5,*) CYP
0 4790= WRITF(6,610)
- 4800= 610 FORMAT(1X,*CYR (1/RAD) = *)
3 4810= RFAD(5,*) CYR
. 4820= IF(KEY] .EQ. 3UNO ) GO TO 616
b 4830= WRITE(6,612)
F 4840= 612 FORMAT(1X,*CYDR (1/DEG) = *)
3 4850= READ(5,*) CYDR
- 4860= WRITE(6,613)
. 4870= 613 FORMAT(1X,*CYDA (1/DEG) = *)
. 4880= READ(5,*) CYDA
4890= WRITE(6, 614)
4900= 614 FORMAT(1X,*CYDDT (1/DEG) = *)
4910= READ(5,*) CYDDT
4920= WRITE{6,615)
4930= 615 FORMAT(1X,*CYDC (1/DEG) = *)
4940= READ(5,*) CYDC
4950= 616 CONTINUE
4960= WRITE(6, 620)
4970= 620 FORL’AT( lx’ "**************************************************t*")
4980= WRITE(6,630)
4990= 630 FORMAT(8X,*LAT-DIR STABILITY AXIS COEFFICIENTS*)
5000= IF(KEY .EQ. 3HLON) GO TO 635
5010= IF(KEY .EQ. 3HBOT) GO TO 635
5020= WRITE(6, 631) DALPHA
5030= 631 FORMAT(15X,*ALPHA = *,G13.6)
5040= 635 CONTINUE
5050= IF(KEY1 .EQ. 3HYES) GO TO 711
5060= WRITE(6,640) CNB,CLB
5070= 640 FORMAT(3X,*CNB = *,C13.6,8X,*CLB = *,G13.6)
5080= WRITE(6,650) CNP,CLP,CYP
5090= 650 FORMAT(3X,*CNP = *,G13.6,8X,*CLP = *,G13.6,5X,*CYP = *,G13.6)
5100= WRITE(6,660) CAR,CLR,CYR
5110= 660 FORMAT(3X,*CNR = *,G13.6,8X,*CLR = *,G13.6,5X,*CYR = *,G13.6)
5120= WRITE(6,670) CNDR, CLDR
5130= 670 FORMAT(2X,*CNDR = *,G13.6,7X,*CLDR = *,G13.6)
5140= WRITE(6,680) CNDA,CLDA
5150= 680 FORMAT(2X,*CNDA = *,G13.6,7X,*CLDA = *,C13.6)
5160= WRITE(6,690) CNDDT,CLDDT
5170= 690 FORMAT(1X,*CNDDT = *,G13.6,6X,*CLDDT = *,G13.6)
5180= WRITE(6,700) CNDC,CLDC
5190= 700 FORMAT(2X,*CNDC = *,G13.6,7X,*CLDC = *,G13.6)
5200= WRITE(6, 7 10)
5210= 710 FORMAT( 1K, "AiwukkhkhkhskkhhRA AR RRARRAARERRRRRKRRRERRARRRRAARARARAR")
5220= IF(KEY1 .EQ. 3HNO ) GO TO 720
5230= 711 CONTINUE
5240= WRITE(6,712) CNB,CLB,CYB
5250= 712 FORMAT(3X,*CNB = *,G13.6,8X,*CLB = *,G13.6,5X,*CYB = *,G13.6)
5260= WRITE(6,713) CNP,CLP,CYP

5270= 713 FORMAT(3X,*CNP = *,G13.6,8%,*CLP = *,G13.6,5X,*CYP = *,G13.6)
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5280=
52950=
5300=
5310=
5320=
5330=
5340=
5350=
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5380=
5390=
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WRITE(6,714) CHKR,CLR,CYR

FORMAT(3X,*CNK = * (13.6,8X,%*CLR = *,G13.6,5X,*CYR = * (13.6)
WRITE(6,715) CNDP,CLDR,CYDR

FORMAT(2X,*CNDR = * G13.6,7X,*CLDR = * ,G13.6,4X,*CYDR = * G13.6)
WRITE(6,716) CNDA,CLDA, CYDA

FORMAT (2X,*CNDA = *,G13.6,7X,*CLDA = *,G13.6,4X,*CYDA = * G13.6)
WRITE(6,717) CNDDT,CLDDT, CYDDT

I-)‘ORMAT(IX,*CNDDT = *,G13.6,6X,*CLDDT = *,G13.6, 3X,*CYDDT = *,G13.6
+

WRITE(6,718) CNDC,CLDC,CYDC

FORMAT(2X,*CNDC = *,G13.6,7X,*CLDC = *,G13.6,4X,*CYDC = *,G13.6)
WRITE(6,719)

FORMAT( ]_x, "****************************************************")
CONTINUE

WRITE(6, 730)

FORMAT(1X,*IS THE ENTERED DATA CORRECT ?  (YES/NO)*)

READ(5, 740) DATA2

FORMAT(A3)

WRITE(6, 750)

FORMAT( 1)(’ "****************************************************")
IF(KEY .EQ. 34BOT) GO TO 755

IF(DATA2 .EQ. 3HNO ) GO TO 2150

IF(DATA2 .EQ. 3HYES) GO TO 760

GO TO 720

CONT INUE

IF(DATA2 .EQ. 3HNO ) GO TO 460

IF(DATA2 .EQ. 3HYES) GO TO 760

GO TO 720

CONTINUE

CNB=CNB*D PR

CNDR=CNDR*D PR

CNDA =CNDA*D PR

CNDDT=CNDDT*D PR

CNDC=CNDC*D PR

CLB=CLB*D PR

CLDR=CLDR*D PR

CLDA=CLDA*D PR

CLDDT=CLDDT*D PR

CLDC=CLDC*D PR

IF(KEY1 .EQ. 3HNO ) GO TO 765

CYB = CYB*DIR

CYDR = CYDR*DIR

CYDA = CYDA*DPR

CYDDT = CYDDT*DMR

