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PREFACE

The steadily increasing importance of space-related activities has focussed the attention
of aerospace designers on the structural philosophies to be adopted in the construction of
future spacecraft. In particular, the severe environment of space coupled with the need to
retain geometrical constancy over very long exposure times imposes significant constraints on
the designer. For example, he must have an adequate understanding of the effects of a space
environment on the materials he intends to use; further, the very high dimensional accuracy
demanded for the operation of some items, such as antennae can lead to special difficulties.
In order to examine these constraints, the AGARD Structures and Matenials Panel called a
Specialists’ Mecting in the Fall of 1982 with the aim of seeing how far characterization of
materials had advanced, what data was available, and if existing methods of testing were
satisfactory. In addition, the Panel wished to establish whether or not the introduction of
advanced materials (hoth metallic and non-metallic) was likely to lead to particular problems
which might call for special research effort,

The papers published here reflect interests in material properties (imechanical, surface,
electrical and thermal) and environment (temperatures, vacuum, radiation including UV,
charged particles, micro meteoroid, contamination and pre-launch environment), and in
methods of testing. The Proceedings are concluded by a record of the round table discussion.
The meeting has provided a sound basis from which the many problems brought out here may
be considered further.

The Panel had a difficult task in making a selection from the papers offered by NATO
nations; it acknowledges the wide response and expresses its sincere thanks to all those who
read papers and also to all those who contributed to an interesting and useful discussion.
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FRACTURE MECHANICS AND FATIGUE CRITERIA
IN MATERIAL SELECTION FOR SPACE APFLICATIONS

Prof. E.VALLERANI, Ing. P.MARCHESE, Ing. G.BANINO
AERITALIA, SPACE SECTOR
Corso Marche 41
10146 TORINO - ITALY

SUMMARY

The basic concepts employed in selecting fatigue and fracture resistance materials for
the Spacelab design are reviewed, and specific examples of the application of these con-
cepts are presented in detail.

The importance of the consideration of the strength and stress corrosion resistence in ad
dition to toughness and fatigue strength is enphasized, specially for the select:ion of
the alluminum alloys that cover most of the pressurized shell and interral structure.
Weld material behaviour and welding processes were carefully evaluated prior to r-terial
selection, and after the selection largely tested to confirm the choice.

The possibility of automatic or manual repaear without resulting in changes fracture-re-
gistence and strength properties is considered.

Fracture mechanics and fatigue analysis is briefly summarized so the non distructive in-
spection methodologies and their practical application.

Finally a review of fatigue and fracture mechanics tests in full scale and comp. ~ent le-

vel on some Spacelab structural part is presented.

INTRODUCTION

The assumption that raw materials and finished products are defect-free and this quality
is assured by appropriate non destructive inspections was the base, untill recently, of
the design approach to assure structural integrity either in space vehicles or ir civil
and fighter airplanes.

In the past,the structural integrity was assured from safety factor applied to the limit
lcad and from the scatter factor imposed on the life load spectrum to protect against to
fatigue failure.

However each of non destructive inspection methods has a"Detectability threshold” beyond
which, any flaw with smaller size can not be dedected.

This means that, in addition to the preceeding design concepts, the structural design must
assure that initial flaw present in the structure will non grow until catastrophic failu-
re during predicted service life.

This aspect, of primary importance from safety standpoint,has been contractually imposed
by the customer to the Spacelab structure, the first european space program able to pro-
vide an habitable environment for astronauts for a minimum cf 50 whole different missions,
and for which fracture mechanics criteria have been applied both in material selection
and in analytical verification of the defect life.

FRACTURE MECHANICS APPLIED TO SPACE VEHICLES

The two main characteristics of manned space vehicles with respect to satellite projects
are:




- lnternal pressurization and environmental control to sustain life of astronauts in the
best conditions even for a long stay in orbit (7-30 days for Shuttle, more for future
applications).

- Reusability of the vehicle (50 missions for the Shuttle) from which derives the suscep
tability to the fatigue and the crack propagation phenomena.

The basic requirements of the manned reusable space vehicles are to avoid, during the to

tal operational cycle:; loss of life, injury to personnel, loss of vehicle, and tlc loss

of mission.

I'nr all the structure of these vehicles, in order to cover the "safety aspects" imposed

by the rejuirements, fracture mechanics analysis is of prime importance.

In fact all of the structural elements, whatever the product assurance practise, have

to be considered with defects, and, under repecitive loadings, the defects tend to grow.

The fracture mechanics analysis procedures ensure the means to predict such crack growth

under the various loading conditions, while an appropriate plan of analysis and inspec-

tion provides the means to allow a structure with cracks, growing within specified 1li-
nits during the operative l1ife.

Spacelab, the european space laboratory, is the first european space program where the

fracture mechanics concept has been imposed by the ESA and NASA criteria and requirements.

Aeritalia as prime for the structure of the Spacelab Module, has been engaged in an ex-

tensive progiam of analysis, test verification and non destructive inspection to verify

the adeguacy of the design to the conditions imposed by the operative life requirements
of 50 missions.

To reduce the possibility of catastrophic failures due to undetected flaws and to allow

safe operations in the service period, a rigorous "failure control" was planned and per-

formed.

A "fracture control plan" whose main subjects and disciplines include management, design,

fracture analysis materials inspection and proof testing procedures, fabrication process

and control, product assurance and test, is the management and enginecring tool to ensu-
re, relative to the life of the various structural elements, the adequancy of the speci-
fied safety levels.

Fiaire 1 shows the logic diagram summarizing the identification of the fracture critical

items of the Spacelab structure based on the “"fracture control plan”.

SPACELAB STRUCTURE

The Spacelab Module Structure is designed according to a modular concept that allows the
easy and rapid assembly of different basic configurations. The main components are the
primary structure that consists of cylindrical elements with cone and closures, and the
secondary structure consisting: floor, subfloor, racks for egquipments and experiments,
overhead racks. The cylindrical element has diameter of about 4 m, a length of 2.7 m, and
is formed by six inteqrally numerically machined waffle pattern panels of aluminum alloy
2213-T851, welded together longitudinally, and welded circumferentially at the ends to
forged rolled rings of same aluminum. The panel located on the top of each cylindrical
elements incorporates a large hole, at the contour of which is permanently bclted a flan-
Je to support either the airlock or a simple closure. The cone shell is formed by seven
panels of aluminum alloy 2219-T851, four of which are smooth and three of which have an

opening of 0.4 m diameter and incorporate the flange that supports the "feed-through" or
the windows. Cylinder and cone elements are terminated with rings supporting the irnter-
connecting flanges, and a single row of 128 bolts ensures the tightness of the cylinder-
cylinder and the cylinder- cone joints. Each joint has incorporated the seal element moul
ded into an aluminum base ring. The module is supported in the orbit cargo bay at four
points by titanium alloy integrally machined elements shaped to be bolted on the circum-
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ferential flange ribs, providing a statjcally determinate attachment system, to preclude

coupling between Spacelab and Orbiter. Inside the module shell is situated the secondary

structure which supports the equipment and the experiments. The basic elements, floor and
racks, that provide the higest utilization of the space within the module, are easily re-
movable to permit a higly flexible experiment installation and checkout.

The figure 2 shows the main structure of the module while some details are represented in
figure 3.

MATERIAL SELECTION BASED ON DESIGN CONCEPTS

In relation to the fundamental design criteria presented earlier, the materials used on

the Spacelab structures have been chosen on the basis of the following concepts:

- Desirability to reduce the weight whenever feasible utilising aluminjum and titanium
alloys,

- Maximum welding characteristics to allow leak free modules,

- Hiqgh residual static strength in presence of natural defects to assure control of crack

} growth,

1 - Low sensibility to stress corrosicn, especially for the shell structure which can re-

‘ main pressurized for 30 days, and the possibility to easily protect the surfaces from
corrosion with films that can be strapped down whenever and wherever necessary,

- High fatigue resistence and low crack propagation velocity of eventual defects that may
arise during the whole operational life, under flight, transportation, and handling loa
ding,

- Possibility to apply normal non destructive inspections such as dye penetrants, X ray,
ultrasonics, coupled to easy accessibility of internal structure to allow visual in-
spections during operaticnal life.

The selection of materials based on the preceeding concepts was complex as they must com-~

ply with different and sometimes conflictirg requirements.

Of all the material properties to be accounted for considering the material state, (plate,

sheet, forged, welded, extruded) and heat treatment, the more important considered were:

- Static strength and stiffeness of basic material, defect free (6, T, v, E, G, etc.)

- Fatigue strength characteristics of the material, defect free (& versus N)

- Static strength of material in the presence of defined defects (fracture toughness K
KIC)

- Crack propagation characteristics under repetitive loads ( d1/d N ) or under sustained
loads (dl/dt)

- Stress corrosion cracking thresholds (KISCC' KSCC)

For module pressure shell the material 2219-T851 has been selected for its high strength

properties associated with very good toughness properties. Also the properties of this

material, welded with T.I.G. process using AL-2319 as filler wire are extremely good, a

Cl

condition favouring selection.

Another relevant property of this material is its good behaviour under biaxial stress, as
occurs under pressure when considering other aluminum alloys with higher uniaxial stress
in unwelded sheet. This shows from the results of some tests performed from the ALCOA Re-
serch Laboratories using a hydraulic bulge test as a means to apply biaxial loads to sheet.
In this test, circular or square samples of the material to be tested are clamped around
the periphery by means of a hold-down ring, and hydraulic pressure is applied on one side.
Figure 4 shows the results of bulge tests on a number of welded alloys using different
fillers and varying welding states. For automatic weld and repears, 2219 has higher stren
gth than those in other high-strength, heat treatable alloys, and this indicates that
this material is much less sensitive to all the possible welding conditions.

Al) other materials were chosen from those commonly used in the aeronautical industry con
sidering alwsys the following:
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- Couple high strength with high fracture toughness
- Verify that the stress corrosion cracking threshold is adequate to the NASA~SE-R-0006
spec. requirements.
The list of basic materials selected in Spacelab structure are summarized in the follow-
ing table where heat treatment, status of material before the machining, and the typical

thicknesses of plates and of the final items are reported as well.

statys | PLATE | ITEM
‘MAIERIAL MATERIAL] WEAT 1> L0 s fracxess
Jiea t t
TYPE  |DENOMIN.JTREATMERT MATERIAL| [m m 1 | [mm3
bLaTE hs(PaneLSY 16,2, 2.8,
A
2219 [ Test | D [OSLONGERY.E 4,8,
100(CONE)|6.2,6.8,
80(CONE)|12.4,
ALLMINUM
2219 | 185t |FORGING —  les.n9,
ALLOY 14,
2219 | 18851  |weLpeD 3s 4.7,
PLATE
7075 | 17381 e 30+60 hfifg,
2024 1?76 SHEET — t.2,1.0
Ti-6AL-6V|aANNEALED| PLATE 30 8,10,25
MACHINE D
%0 16,7,8,
TITANIUM [Ti-6AL-4V [ANNEALED| FORGING | 110 (kgEL)| . 1¢. 11,
240(maAIN)| 2¢, 20,
— PLATE -—
IM1 550 ACHINED 10, 8,
NIKEL INCONE SOLUBIL -
BASE %&a Clrecier | gan | ermo |aa
ALLOY HEAT TREA el
CUSTOM ®
STAINLESS] 455 H1000 BAR | ¢ 70 25,18, 16,
STEEL
A 286 |STANDARD [(BOLTS) - 1,7.9

TEST TO PROVIDE MINIMUM MATERIAL PROPERTIES

In order to collect from litterature or standard material specifications, or measure by
test, the material properties to be used in the structural design, it is necessary for

each material to define the following parameters:

Status of material at the purchase

Heat treatment after working

Surface treatments

Final geometrical shape and dimension

Final grain
Environment
Degradation
Temperature

directions

{corrosion, humidity, etc.)
of certaln characteristics during the predicted life
effects in service

All the material properties above defined as a basis of a correct design should also in-
clude:

Stress/Strain curves and all other allowable parameters as &, %, v. E, G, etc.
Fatigue S-N curves at different stress concentration valve KT

Fracture toughness in plane strain (KIC) and plane stress (Kc) conditions
Crack propagation parameters and their threshold valves
Corrosion effects and threshold stress corrosion cracking (KISCC or KSCC’




and have to be evaluated considering the fnfluence of all preceeding parameters,

For the selected materials many data were found in the specialized litterature but to e-
valuate the influence of some relevant parameters (among the ones previously identified)
and to guarantee the minimum valve to be used in the analysis, Aeritalia has planned and
performed many material tests, mostly at the beginning of the program as well as later,
to cover certain doubts arising during the design phases.

Large number of tests (about 200) has been performed to determine the best static proper-
ties of aluminum alloy 2219-T851 in welded conditions.

Different welding parameters have been investigated at the beginning of the program and
tests have been carried out coupled with tests to guarantee the minimum static properties
of v rgin material.

Another large number of tests was performed for defining the fracture mechanics properties
(KC) of aluminum alloy 2219-T851 in different conditions and for the specific thickness
chosen on the structure after the static analysis, including different samples with ma-
nual and automatic repairs of welding seam.

Figure 5 shows an example of the residual strength measured introducing surface flaws
with different shape in the seam of 2219-T851 welded of 4.0 mm and 7.0 mm thickness with
simple statistical evaluation of the best fit line to increase the confidence of the mea-
sured valves.

Crick propagation tests (dl/dN) under sinusoidal load at constant amplitude . . also per
formed especially for basic aluminum ailoy under different conditions and fo. 1 the ma-
terials where data were not collected in specialized litterature.

Different type of defects (surface flaws with different shape and through crar were al-
so tested to guarantee the leak before burst before the final catastrophic . .
Results of through crack test propagation performed using test facility of f. . 6 are

shown in figure 7 for 2219-T85%1 plate, machined to 3.5 mm thickness and in figure 8 for
2219-T851 forging, 1.8 mm thickness.

Straight line assumed in fracture mechanics analysis and based on different test speci-
mens is also included.

Crack propagation tests on stainless steel custom 455-H1000 using compact tension speci-
mens were also performed under sinusoidal loads at constant amplitude but with different
ratio, and the results are briefly summarized in figure 9.

The fatiqgue behaviour of the butt-welded joints in the presence of different mismatchs to
evaluate the actual geometry of welded aluminum alloy was also tested under sinusoidal
load at constant amplitude with different R ratio to simulate the pressurization effects.
One example of the results of these extensiv: tests included the final statistical evalua
tion 13 shown in figure 10.

Corrosion resistance to low humidity and laboratory air environment and sustained loads
tests were made on basic aluminum alloy at Aeritalia, in addition a stress corrosion test
program has been performed by ESA on parent material and welded joints to verify adequacy
with NASA-SE-R-0006 spee. requirements as here reported.

MATERIAL FORM TEST METHOD TEST DURATION RESULTS
2219-T851 PLATE ASTM-G-38~-73 48 DAYS NO S.C.C. FAILURE
2219-T851 FORGING ASTM-G~38-73 30 DAYS NO S.C.C. FAILURE
2219-T851 WELDED ASTM-G-44-75 30 DAYS NO S$.C.C. FAILURE
REPAIRED WELD ASTM-G-~44-75 30 DAYS NO §.C.C. FAILURE

B
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The following tables show a summary of type of test performed from Aeritalia on the
chocsen materials of Spacelab structure.

- P |
TeE  0f TYPE OF |THICKNESS | NUMBER TYPE OF wareaae | 1TPEY SPECIMEN | numaiR
MATERIAL t L THICENESS of
Test t BEFECT | . o Test peFect .
Tmom] |SPECIMENS [mm] [SPECIMENS
i} SURFACE 1.6 7 SURFACE 16 (]
f‘z:canrngesl; FLAw 1 1 FLAW 3.5 s
PLATE THROUGH 18 3 2219 -T851 Hyppouon [ 1.6 6
CRACK 35S 3 MACHINED CRACK 3.8 6
PLATE v
my-res | SFFACE ;‘g : SURFACE | «.¢C 9
t WELDING ’ 2219 - 1851 FLAW 7.0 9
4 e THROUGH L0 3 WELOE D
(FevoeRsen | TTE crack | 70 ) THROUGH | <. 0 ‘
[Oltigll - . CRACK 1.0 ‘
SURFACE . d
2219-7 85t FLAW i h dL SURFACE 1.8 3
FORGING THROUGH - . d 2219-Tes1 | FLAW ‘.0 ¢
RINGS CRACK I ¢ FORGED 8.0 4
9.0 ‘ _ THROUGH L8 3
2219-7 0851 (Limipicac CRACK « 0 4
(AUJZ:CL'LC OoR SUFRLFAACE L.g 6 OIMENSION | e 9.0 -
W . -
REPEARS OF s OF DEFECT) fartomaric o8 | b am | 6.0 .
WELDING SEAM) MANUAL REPEAR
OF WELDING 7.0 ‘
" SEAM)
. e SURFACE
',c,, CUSTOM <55 H1000 ?MP‘TST 2219-T 851 e awr
lAC[DRuNG{ ENSION 130 “ WELDED (ZURVED 3.6 12
ASTM £ 399-7 BARS SPECIMEN 'SPECIMENS
SURFACE 16 3 CUSTOM &5% ({COMPAZT 6
22'9-7 8% FLAW 3.5 o H1003 TENSION 13.0 WITH FFE -
MAC HINED 0C3 BARS lspecimEN 'RERT RAAT O
Kisce PLATE THROUGH L ¢ FATIGUE NODEFECTS
{ STRESS CRACK 3.5 ¢ BEMAVIOUR OF] FNTRODUCE & ABOLT 8
CGARISIIN BUTT weLDED | 2219 -T881 Hyuiguarch i;if’;fc':f
{RAUING SURFACE - - JOINYS WITH WELDING az0-Hmm) TYPEOFd
THRESHLD 3| 22%9- as FLaw MISMATCH PLATE 2oresen] 00 Ano R
WELDING (STaTiCAL R 2aT10 RATIO N
PLATE THRCUGH (3] 4 EVALUATION) Re 0 TOTAL 92
JRACK T & ANDR T S
FRACTURE MECHANICS ANALYSIS AND RESULTS

To perform fatigue and fracture mechanics analysis more than 120 locations were chosen co

vering about 90% of primary structure and 50% of sccondary structure typical areas.

Selection was made on the bases of the following criteria:

- Highly stressed zones

- Large stress amplitude areas

- All the

elements for which

"Leak before burst"

- Regions where the inspection in service is difficult

- All preloaded connections

bolts, pins, etc.)
For each of these locations, a complete stress analysis has been performed then the final
spectrum simulating one whole mission (flight, handling, transportation, etc.) construc-
ted on the basis of the "unit loads or stresses" coupled with the accelerations.
For all the locations more than cne type of defect has been considered on the basis of
local stress field or geometrical dimensions including the presence of multiple holes,

stringers,

etc,

is requested

(bolts) or element joining secondary to primary structure(lugs,

to predict the growth and the critical crack length of the most critical
defect that could arise in actual conditions.

The actual case was then modified to be coupled with analitical models found in littera-
ture or prepared for specific cases to permit the stress intensity factor formulation.

N ————




g In addition, on the bases of the location geometry the stress concentration factor Kp
was calculated on all the locations to permit fatigue analysis.

The last input to perform fracture mechanics analysis was to establish the minimum ini-
tial defect dimensions on the bases of the non destructive inspections (N.D.I.) that
could be applied before and after the structure assembly. After extensive investigations
it was decided to use the defect dimensions reported in next table which has the probabji
lity to be detected with standard N.D.I., on the Spacelab structure, of 90% and a confi-
dence level of 95%.

MINIMUM APPLICABLE
DEFECT. TYPE ASSUMED THICKNESS SKETCH OF DEFECTS
SI1IZES [mm] t (mm]
® SURFACE FLAWS
allca 0,1 a=15,2ca 5. t> 230
alflc= 0,5 ax3.0,2c26.0 t>23.0
® THROUGH CRACKS 2¢ 6.0 t £3.0
1 @ SEMIELLIPTICAL FLAWS
a=¢c=1.9% t>1.5
IN HOLES AND LUGS
® THROUGH CRACKS
s 1. .
IN HOLES AND LUGS ¢ 5 ter.s
®EDGE FLAWS aac=1.5 t>3.0
®EDGE CRACKS c=1.5 t< 3.0
®EDGE CRACKS IN
PINS OR BOLTS L=t.% -

The fracture mechanics analysis was performed according to the flow chart logic diagram
reported in figure 11 on the basis of the linear elastic fracture mechanics concepts.
The defects propagation has been evaluated with "COLLIPRIEST" formulation which takes in
to account the upper boundary of critical K valve, the stress intensity threshold
valve AK and the influence of the stress ratio R.

TH'
Spectrum application simulating one mission for each of the considered locations is used

; and no retardation effects have been considered, increasing the conservative margin of

‘ the final results.

The fatigue analysis was performed using the PALMGREN-MINER formula based on cumulative

dar.ajze calculated with interpolation of parametric S-N curves. Endurance limit was igno-

red during computer calculations.

The results of fatigue analysis were largely satisfactory and all the module structure

met the requirement of 200 missions (50 x 4 L.F.) in spite of conservative Ko assumptions

and stress levels.

The fracture mechanics analysis fulfills the requirements of leak before burst but revea

led a limited number of problem areas out of the required life of 200 missions due to:

- Complex geometry (multiple holes, complicated lugs, etc)

- Unclear behaviour of material

. - Difficulties of analytical schematization.

i In these areas it was decided to perform a fracture mechanics tests at component level,
simulating the actual geometry and stress distribution with proper set-up, and in paral-
lel, to improve the analysis wherever it was possible.




NON DESTRUCTIVE INSPECTIONS APPLICATION AND METHODOLOGIES

The admission that the structure is not defect free leads to the necessity of having ef-
ficient non destructive methods to properly detect the size of cracks in structural ele-
ments and minimize the probability of propagation and final failure.

The NDI methods and requirements imposed to Spacelab module pressure shell and main struc
tural items are:

- Ultrasonic inspection according to M. T-8750 class A

- Dye penetrant inspection after machiring of final product

~ X-Ray (only on weldments)

The minimum detection limit capability of these inspection methods are less than the mi-
nimun initial defect sizes assumed in fracture mechanics analysis and reported in preceed
ing »ragraph.

For weldments inspection with X Ray for example, the main defect acceptance criteria were
- Porosities and inclusions : 2 (mm)

- Every type of crack : not acceptable

- Undercut, lack of fuston : not acceptable.

During manufacturing some weld defects (porosities and inclusions) outside specification
limits have been accepted.

When an eventual repair could represent a potential risk of irreparably damage a F.M. a-
nalysis, was performed to guarantee the complete fulfillment of the "Structural Integri-
ty" and the "Leakage Requirements”.

To verify "Structural Integrity", through cracks flaws with a length equal to 1.2 times
the "X Ray"” 90° indication has been assumed in the analysis.

To verify "Leakage" it was necessary to develop a new X Ray inspection tecnique at two
hclination, performed on two films, separated and exposed at the same time to establish
the depth of defect and its position in the tickness.

The analysis based on "Embedded Flaw” gchematization of the welding defect was then per-
formed to verify that the defect will not grow through the thickness during the expected
life.

The X Ray inspection at two inclination consists of two radiographic exposures on the sa-
me film using a known source displacement.

Two lead wires (or similar like copper), F1 and F2, are applied on each side of the ob-
ject and the same distance from the defect and fitted in a way to be perpendicular to the
direction of the source displacement as showed in figure 12.

The measurement of the displacements of each lead wire can be plotted in a diagram versus
thickness in order to determine the defect position within the weld seam cross section,
as showed in figure 13.

To minimize reading inaccuracy and to obtain reliable measurements, a second film has
been adopted in Spacelab weld inspections, placed 20 mm from the original film, normally
in contact with the lower weld side (figure 12), and the displacements versus thickness
also plotted. The two couple of values (for example from one skin) have been compared

and the extreme boundary assumed.

FATIGUE TEST

The Spacelab Module structure was submitted to a full scale fatigue test; the elements
fully assembled as in flight condition in the vertical position were located on adapter
cylinder (figure 14).

200 Spectra, simulating the whole flight mission (flight, handling, transportation), in-
cluding the pressurization for each flight, were applied, and extensive non destructive

inspections performed with disassembly of some part of internal structure after selected
cycles.
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The test was fully succesful and no damage occurred in all the structure even after the
application, at the end of the test, the limit loads of all the flight mission.

MAIN FITTING FRACTURE MECHANICS COMPONENT TEST

After the completion of the full scale fatigue test the whole main fitting , installed

on the shell as in fatigue test confiquration, was submitted to a frature mechanics test

to verify:

- Some areas where F.M, analysis did not met fully the requirements

- Not easily inspectable regions

- Area where linear eleastic fracture mechanics concepts were not applicable

Briefly the test was foreseen to be performed according to the following steps:

- Mechanical introduction of 12 artificial defects in the areas chosen according to the
preceeding criterta

- Sharpening of the artificial defect appliying sinusoidal loads at constant amplitude
which maximum level was 66% of max limit load, that occurs during whole mission

- Application of 100 spectra simulating flight missions measuring the propagation of ar-
tificial cr natural defect that may arize during the test performance

- Verification of the maximum limit load capability of the main fitting when defects
reach a lenght near the predicted critical valve.

The figure 15,16,17, show some main fitting components (trunnion, pins, body) where arti-

ficial defects have been introduced mechanically with initial dimensions egual or larger

than intitial defects assumed in F.M. analysis.

For difficulties to sharp all the 12 locations in a same interval of time (or applied cy-

cles) and for natural defects arized during the sharvenina, some items have been sharpened

at component levels with preparation of a specific set-up.

The measuremcnt of the defect propagation under the application of the spectra simulating

flight missions 1is still in progress and complete results arc at the moment not available.

SUPPLEMENTARY F.M. COMPONENT TESTS

In orner three limited locations, cut of the fitting area where analitical results did
not met the requirements , it was decided to perform F.M. tests at component level each
with a proper set-up able to simulate actual geometry and stress distribution.

The three areas under test were (See figure 18):

- Top panel/Top ring connection

- Bolt 16 mm dia connecting floor support to the cylinder structure

- Spigot root of main inconnel trunnion

In each test artificial defects were introduced then sharpened to simulate the fatigue
crack and loaded with fatigue spectrum untill the defect dimension reached the predicted
critical valve. Finally it was demonstrated that the item was able to withstand the max
limit load. One example of the pin craked and its cross section showed clearly the fatigue
propagation and the final failure as reported in figure 19.

The results of these tests were larc: ly satisfactory showing that analitical predictions
were based on too conservative assumptions.
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15 - Main Inconel 718 trunnion with defect mechanically introduced (secde

tail) for F.M. component test.

16 - Custom 455-H1000 pins with defects mechanically introduced
tail) for F.M. component test.

17 - TI-6AL-4V main fitting body with defect mechanically introduced (see

detail) for F.M. component test.
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STRUCTURAL DESIGN AND TEST OF THF SHUTTLE RMS

by

D.M.Gossain and P J.Smith
SPAR Aerospace Ltd |
Space & Flectronics Group
1700 Ormont Drive
Weston, Ontario MYL JW7
Canada

The 15.24 m (50 ft) long Mechanical Arm of the Remote Manipulator System (RMS) of t*e
U.S. Space Shuttle Orbiter has been designed to meet stringent weiyht, stiffness ana
spatial envelope reyguirements. The arm 1s designed to deploy payloads up to 29,500 Kg
(65,000 los) from the orbiter, has the ability to apply a minimum of 53 N (12 lbs) force
at the tip and stop a 14,515 Kg (32,000 1lb) payload moving at 0.061 m/sec (0.2 ft/sec)
within 0.6l m (2 ft). Weight of the arm is limited to 363 Ky (800 lts) and the maximum
diameter ot the arm is limtted to 0.343 m ( 13.5 in).

This paper describes the design constraints on the arm structure and joints, evaluation
ot structural loads, selection of materials, and presents the desiyn details of the
structural elements and the joints. An extensive test program was undertdken to qualify
and verify the design at component, Joint, subsystem and system level. The paper
discusses these tests with emphasis on dynamic and static structural tests of structural
elements and joints.

Introduction
The Shuttle Remote Manipulator System (RMb) is a part of the payload handling system of

the Space Transportation System (STS), and is designed primarily for the deployment and
retrieval of payloads from the Space Shuttle Orbiter.
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The manipulator arm of the RMS (shown schematically in Figure 1) 1s a 15.24 m (50 ft.)
long tubular structure consisting of six joints providing six rotational degrees of
freedom. The jolints correspond to the degrees-of-freedom (DOF's) of a human arm. The
arm is attached at one end to the Manipulator Positioning Mechanism (MPM) of the Orviter
and the other end carries an end-effector which is designed to capture payloads. Three
more supports are provided by Manipulator Retention Latches (MRL's) of the orbiter when
the arm 1s stowed in the cargo bay. The joints near the MPM, called "shoulder joints®,
provide two DOF's and the joints near the end-effector, called "wrist joints®, provide
three DOF's. An "elbow joint”™ in the middle of the arm provides one DOF. The shoulder
and elbow DOF's provide three dimensional translation of the end effector and the wrist
Joints provide three dimensional rotations of the end effector. The "joints" are
clectromechanical structures; the rotational DOF is provided by motor driven high ratio
gearboxes. The joints are connected by 34.29 cm (13.5") diameter tubular members,
called "booms".

Requirements and Constraints

The signiticant operational requirements for the manipulator arm, which resulted in
structural/mechanical requirements, are:

o Deploy/retrieve 14,515 Kg (32,000 1lbs), 4.57 m (15 ft) diameter and 18.29 m (60 ft)
long payloads.

o Deploy and Berth 29,500 Kg (65,000 1lbs) payload.

o Stop a 14,515 Kg (32,000 lb) payload moving at 0.061 m/sec (0.2 ft/sec) within
0.61 m (<& ft).

o] Position tip of the arm within + 5.08 cm (+ 2 inches) and *+ 1 degree.
] Withstand orbiter VRCS loads while holding payload.
o] Apply a minimum force of 53N (12 lbf) at the tip.

o Under manual control the rates of movements of the tip of the arm to be controlled
within 9.14 mm/sec (0.03 ft/sec) and 0.09 deg/sec.

o Operational life of 100 missions, as a design goal. Reference (l) gives details of
the RMS system requirements.

The arm is stowed over the port (or starboard) longeron of the orbiter, on the MPM's.
Spatial constraints of stowage allow a 0.38l m (15 inch) diametral envelope for the arm
along its length. This is a dynamic envelope, i.e., no excursions beyond this envelope
should occur under dynamic inputs to the arm structure. Total weight of the arm is
limited to 363 Kg (800 lbs).

The operational requirements listed above resulted in a kinematic design using six
joints, much like a human arm. The controllability of the arm, over the range of
payload inertias, is greatly affected by the structural flexibility of the arm. In
order to meet the operational controllability requirements, a design-goal stiffness of
17.5 N/cm (10 lbf/in) at the tip of the straight arm was established. The output torque
and speed requirements established for the joints are shown in Table 1. The need for
precise speed-control at the joints resulted in design requirements of high gear-ratios
at the joints, as indicated in Table 1.

Table 1
‘ Arm~-Joint Requirements
Minimum Minimum
Qutput Torque Output Speed Gear

Joint N-m (ft-lbs) Rad/sec (deg/sec) Ratio
Shoulder-Yaw 1047 (772) 0.04 (2.29) 1842:1
Shoulder-Pitch 1047 (772) 0.04 (2.29; 1843:1
Elbow-Pitch 716 (528) 0.056 (3..1) 1260:1
Wrist-Pitch 313 (231) 0.083 (4.7¢) 738:1
Wrist-Yaw 313 (231) 0.083 (4.76) 738:1
Wrist-Roll 313 (231) 0.083 (4.76) 738:1

One of the important requirements for the joints is their back@rxveability. )
Backdriveability is defined as the ability of a joint to be driven from the output in
opposition to the motor torque at the input. This feature is required to:

‘ (a) obtain dynamic braking of the arm,

‘ (b) limit the joint and structural loads to acceptable levels in s@tuatlons such as
removing a payload from, or inserting into, its retention fittings in the cargo bay,

(c) allow the arm to assume the required geometry when grappling (and rigidizing the
end-effector to) a fixed payload or a high inertia free-flying payload.

— T




The operational life of 100 missions implies that the arm structure and components
should be able to withstand the loads induced during launch, payload manoceuvering in
orbit and landing, for 100 missions. The launch and landing environment (transient
acceleration levels, random vibration, acoustic levels) seen by the stowed arm are
specified by the orbiter/MPM designers. A typical payload haandling scenario has been
defined for arm operation in orbit.

Design Methodology

The first step in the structural/mechanical desiyn process was to establish the ®"static"”
envelope into which the arm structure and joints had to be packaged. A dynamic analysis
was performed on the preliminary arm and MPM designs (using finite-element models of the
two structures) to estimate the displacements of the arm under dynamic inputs (transient
3 accelerations and random vibrations) to the system at the longeron interface. Based on
this analysis, a radial displacement of 1.9 cm (0.75 in) was allocated to arm dynamics

and thermal hardware, resulting in a "static® diametral envelope of 0.343 m (13.5 in).

The stiffness and weight distribution along the length of the arm was then optimized
with the constraints of maintaining commonality of parts (for example, in the gearboxes)
and state-of-the-art manufacturing technigues, to minimize manufacturing costs. Stiff-
ness constraint of 17.5 N/cm (10 1lbf/in) at the tip of a straight arm was used. As a
result, the wrist-regiou joint structures are within a smaller 0.24l m (9.5 in)
diametral envelope and have lower stiffness than the shoulder and elbow joints. The
stiffness and weight budgets established for the joints and arm booms are shown in

Table 2.
Table 2
Stiffness and Weight Budget
Maximum Weight
Item Minimum Stiffness Kg (lbs)
1. Shoulder Joint 9.95 x 105 N-m/rad 117 (258)
{(Yaw & Pitch) (7.34 x 10° ft-1b/rad)
2. Elbow Joint 10.24 x 105 N-m/rad 53 (117
(7.55 x 103 ft-1lb/rad) .
3. wrist Joint 2.37 x 105 N-m/rad 84.4 (186)
(Pitch, Yaw, Roll) {(1.75 x 103 ft-1lb/rad)
4. Upper Arm Boom EI = 4,0 x 106 N-m2 25 (55)
(Shoulder to Elbow) (1.4 x 109 1b-in?)
GJ = 2.0 x 106 N-p2
(0.7 x 109 1b-in2)
5. Lower Arm Boom El = 2.38 x 106 N-m2 24 (53)
(Elbow to Wrist) (0.83 x 109 1b-in?)

GJ = 1.23 x 106 N-m?
(0.43 x 109 1b-in?)

The loads induced in the arm, which the structure and components are designed to
withstand, are primarily developed under dynamic conditions during launch, ascent,
reentry and landing and during payload handling in orbit. Since structural dynamics is
a function of the design, an iterative approach for analysis and design 1is necessary
till a suitable design is achieved. A finite-element model of the arm structure with
models of high-gear-ratio joints, was used for prediction of loads in the stowed arm and
the vibration environment for joints and subassemblies. The model is shown in
Figure 4. A typical distribution of arm loads due to random vibration inputs is shown
in Figure 3. Stress analysis, using detailed finite-element models where necessary, was
then performed to verify positive strength margins in components. Assumptions made in
the models (damping, gearbox characteristics at high frequencies, etc.) were separately
evaluated by detailed sub-models and/or tests of subassemblies. The analysis details

\ are discussed in References 2 and 3. Loads developed in payload handling were evaluated
using digital computer simulations of the arm control system and the structure. 1In the
preliminary phases of the project simulations using only the shoulder-joint were used;
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preliminary phases of the project simulations using only the shoulder-joint were used;
the loads were finally refined using a high-fidelity six-joint digital-computer
simulation (called ASAD). These simulations incorporate the dynamic 1nteraction of the
arm structural flexibility and the control system, and are Jdiscussed 1in detail in

[

Reterences 4, 5 and 6,

Detinition of loads was used to develop a load-spectrum for the arm and its components
tor a "design case" mission. The load-spectrum comprises thc¢ load levels (or vibration
levels) for different parts of the arm and the number of cycles of their application (or
the time duration c¢f vibration levels) during different phases of the mission 1i.e.,
ground handling (transportation), lift-off, ascent, on-orbit operation, reentry and
landing. The load spectrum was then used to perform a fracture-mechanics evaluation of
the components. 1In this analysis, a pre-specified flaw i1n the component (based on the
ability of inspection techniques to detect a flaw) was assumed and i1ts growth analyzed
with the application of the load spectrum. The component life was based on the number
of "missions” applied till the flaw becomes unstable, leading to failure. A scatter
factor cf 4 has been used for life calculations; thus a humerical life of 40U
"missions", as obtained by the fracture mechanics analysis, is considered to indicate an
operational life of lUU missions for the component. The computer program FLAGRO
developed by Rockwell International, has been used for the tracture-mechanics analysis.
Some components such as gear-teeth, bolts and graphite-epoxy arm booms were designed by
conventional fatigue~design criteria since reliable flaw-growth models for such items
are not availlable.

Structural Design

Each joint of the arm has a motor-module, an encoder, a high-ratio gearbox and
structural elements. The input and output sides of the drive motor-module are attached
to structural elements which provide structural 1oad paths and interfaces to other
joints or components of the arm. The shouldetr, elbow and wrist joints are shown in
Figures 4, 5 and 6. Each motor module, shown in Figure 7, has a reversible brushless DC
motor, primary and backup commutation scanner assemblies, a rotary 1nductosyn tachometer
and a brake. The motor is powered by a servo power amplifier (SPA}) which provides a
pulse-width modulated current drive to the motor. The SPA and other electronics for the
motor module are located in the electronics housing near the joint (reference Figures 4,
5 and 6). The encoder 18 an optical encoder with lé-bit resolution.

The gearvox comprises high-speed spur gecar-trains and a low-speed bearingless-
differential~planetary (epicyclic) drive. The differential planetary draive is at the
output-end of the gearbox, and has a ratio of 40:1 for all joints. The gear-ratios for
the spur gears are adjusted to get the reguired gear-ratios for different joints. The
gear-train schematic for the shoulder is shown in Figure B, as an example.
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Load transfer 1n the DOF direction across the joint is done throuyh the gearbox. All
other louding is carried across the joint via a roller beariny set and a duplex bearing
pair. Roller bearings are used to accomodate thermal movements across the joint. The
main bearing racce and housing tolerances are selected such that under all thermal
conditions the bearing 1s always under a pre-load. This eliminates slackness in the
bearings. The loads are transferred from the joint to the electronics compartment,arm
boom via transition pieces.

In the stowed condit.on the elbow and wrist joints are attached to the MRL throuah

retention-tittings. The retention-fittings are attached to the electronics

compartments, (cxcept at the att wrist) through a saddle structure. The sadile

‘ structure is riveted and bolted to the electronics compartment. The aftt wrist
retention-fitting is attached to the wrist-roll joint structure.

The oi1nt structures and gearboxes are designed with conventional engineering materials
such s stainless steels (17-4PH and Custom 455), aluminum alloys (A356, 7075-T7351,
7059-16, 2219-T6) and titanium alloys (Ti-6Al-4V), Bolts are made from A286 steel and
Inconel 718. The shoulder and elbow joint structural elements are designed primarily to
meet the stiffness requirement, whereas the wrist-joint structure is designed primarily
for strength. Structural elements are made from forgings, or castings where shapes are
complex, and heat treated as appropriate. An important consideration in material
selection has been good fracture properties especially at low temperatures (-40° to
-50°C).

The structural design incorporates a brace at thc shoulder between the shoulder-yaw
joint and the electronics housing {(Figure 4). The brace protects the shoulder pitch
joint trom the launch loads by providing an alternate load path. The brace is detached

| when the orbiter reaches the orbit. It is not re-attached before return to earth since
re-entry and landing loads are relatively benign.

The arm booms, designed and manufactured by General Dynamics, San Diego, to requirements
| specified by Spar, are made of graphite/epoxy. Schematic details of a boom are shown in
Figure Y. Ultra high modulus GY-70/934 graphite/epoxy by Fiberite was selected to meet
the stiffness and strength requirements within the weight limits. The upper boom
(shoulder to elbow) has 16 plies, 0.127 mm (0.005 in.) each, oriented at 0, +38 and -38
degrees. The lower boom (elbow to wrist) has 1l plies also oriented at 0, +38 and -38
degrees. To maintain stability of the thin-walled booms, intermediate stiffening rings
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are placed internally at regular intervals along the length of each boom. The rings
prevent Brazier-effect (which can flatten a tube under bending, leading to premature
collapse of the tube wall and reduce bending stiffness) and increase the vibration
trequency ot the sidewall to well above the high energy acoustic range (ovalization
trequencies above 130 Hz). Aluminum alloy (2124-T851) end rings are attached to the
composite tubes through a specially designed bolted joint. High strength T300/934
graphite/cpoxy is used to increasc the tube wall thickness locally at the end rings for
added strength,

The thin-walled booms are protected aygainst accidental damage by a "bumper system". The
bumper system comprises pre-crushed HR-10 Nomex honeycomb bonded to one-ply 10¢ Kevlar
fabric skins, and the assembly bonded to the graphite/epoxy tubes. The bumper system
absorbs energy of up to 6.8 N-m (5 ft-1lb) without indenting the bumper material. An
impact of higher energy leaves a visible indentation on the bumper as a signal of
possible local delamination of the boom underneath. The design development and testing
of the arm booms are discussed in detail in Reference 7.

Structural Tests

The analyses and simulations used to define loads and evaluate strength and stitfness
characteristics of the structure were supplemented and verified by a series of develop-
ment and qualification tests on flight-equivalent hardware. These principal structural
tests included:

(a) Stiffness and strenyth tests of joint structures in which joints were loaded
statically to qualification~level loads (40% higher than design loads). Dummy booms
were used to simulate the interface with arm booms and stress distribution in the
structure was obtained from over 200 strain gauges. The stress distribution
verified the finite—-element analyses.

{b) Sti1ffness and strength tests, as well as thermal cycling, fatigue and acoustic
tests, on the arm booms. The bumper system was tested to verify its design
performance by impacting it with a 1.8 Kg (4 1lb), 5.08 cm (2 in) diameter steel ball
dropped from 0.38l m (15 inches).

(c) Load transfer characteristic tests of the gearboxes obtained by applying dynamic
loads at varying frequencies (5Hz to 100 Hz) at the gearbox output and measuring
response at the input (motor). These tests showed that the gearboxes were capable
of transferring large loads (moments) at frequencies above 7 to 10 Hz.




(d)

(e)

2.9

Vibration and shock tests of the joints. Each joint was tested on a vibration table
to the environment (random vibration and shock) obtained from the dynamic analysis
of the total arm/MPM/MRL system. The effects of the rest of the arm structure were
simulated by using hardware representing dynamic behaviour of the system as
reflected at the joint. The components in the joints {motor modules, encoders,
electronics boxes) were also tested separately for vibration and shock.

System tests of the complete arm in the pitch-plane on an air-beacing test rig. The
test rig supports the arm structure on low-friction air l.earings through mechanisms
(constant torce/height linkages) which automatically compensate for changes in floor
flatness (typically 3.157 mm (0.125) maximum variation over 0.9 m (3 ft)) and
eliminates much of the loads un the joints due to gravity. Friction effects due to
arm/test-rig manipulation across the floor can account for about 15% of the maximum
joint output toryue. An overview of the test rig is shown 1in Fiqure 10. Stiffness
tests on the arm were performed on this test rig. The results showed that the arm
stiffness is within the predicted range. Tests were conducted for arm operation,
including payload grappling and handling, as well as berthing a payload in its
retention fittings in the cargyo bay. Ir certaln geometric confiygurations, high
torces can be generated at the arm/payload interface during berthing. The payload
retention latching systems are designed to withstand these loads.

System flight tests on-orbit. Some of the system characteristics can only be
checked in the zero-g environment orbit. The flight tests on STS-., STS-3 and STS-4
misslons were aimed at the final verification of the system pertormance and
validating the math models used in simulations. These tests included operating the
RMS 1n different modes as well as determining the effect of orbiter thruster firings
on the arm dynamics with and without the RMS control system being active. Strain
gauye measurements at the wrist and shoulder joints were used to determine arm loads
on-orbit, as well as to derive data on structural dampingy. The strain-gauges
measure moments about three orthogonal axes at wrist and shoulder joint locations
and are mounted on the electronics compartments at the two joints. Arm tip oscilla-
tions were recorded on data acjuisition cameras (DAC's) tor photoyrammetric aralysis
on ground to evaluate the freguencies and amplitudes of vibration of the arm.

The on—-orbit tests have been very successful and have validated the math models used
in s1mulations. They are discussed in greater detall 1n References 4 and 8.

FIGURE 10 SYSTEM TEST — GENERAL VIEW




P

2-10

rReferences

1. Kumar, P., Truss, P., Wagner-Bartak, C. "System Design Features of the Space Shuttle
Remote Manipulator”, Proceedings, Fifth World Congrese on Machines and Mechanisms,
July 1979, Montreal, Canada.

Z. Gossaln, D.M., Quittner, E., Sachdev, S.S., "Analysis and Design of the Shuttle
Remote Manipulator System Mechanical Arm for Launch Dynamic Environment®”, Shock and
Vibration Bulletin No.50, Naval Research Labs, Washington, D.C. September 1980,

3. Gossain, D.M. "Effect of a High Gear-Ratio Joint on Dynamics of an Articulated
4 Structure®, Canadian Aeronautics and Space Journal, Vol. 25, No.3, 1979.

4. Hunter, J.A., Ussher, T.H., Gossain, D. "Structural Dynamic and Design

¢ Considerations of the Shuttle Remote Manipulator System®, 23rd AIAA/ASME/ASCE
Structures, Structural Dynamics and Materials Conference, May 10-12, 1982, New
Orleans, U.S.A.

5. Nguyen, P.K., Ravindran, R., Carr, R., Gossain, D., Doetsch, K.H., “"Structural
Flexibility of the Shuttle Remote Manipulator System Mechanical Arm", AIAA Guidance
and Control Conference, 1982, San Diego, California, U.S.A.

6. Ravindran, R., Trudel, C.P.R., Nguyen, P.K. "Shuttle Remote Manipulator Control
System®, lsth IEEE Controls and Dynamics Conference, December 12, 1979, Fort
Lauderdale, Florida, U.S.A.

7. bunbar, D., Robertson, A., Kerrison, R. “Graphite/Epoxy Booms for the Space Shuttle
Remote Manipulator®", Aerospace Applications of Advanced Composite Materials, ICCM/2,
April 1l6-20, 1978, Toronto, Canada.

8. Middleton, J., Ashworth, K., B. Aikenhead. "Flight Tests of the Shuttle Remote
Manipulator System®™, to be presented at Second Canadian (CAS1l) Astronautics
Conference, Ottawa, Canada, November 30, 1982,

Acknowledgements

The Shuttle RMS has been designed and developed by Spar Aerospace under Contract (Number
155R.31053-7-3839) to The National Research Council of Canada (NRCC) as a NASA/NRCC
cooperative program. The authors would like to thank these organizations for permission
to publish this paper.




SPACECRAFT THERMAL CONTROL SELECTION FOR
SEVEN YEARS LIFETIME IN SYNCHRONOUS ORBIT

L. Preufn
Messerschmitt-Bilkow=-Blohm GmbH
D~8000 Minchen 80

Improved nonconductive and conductive
flexible SSMs with interference filters

on top are presented. The SSM ccemposition
is analysed and defined., The optimization
procedure for the SSMs is outlined. The
qualification of the SSMs in laboratory
scale for the synchronous crbit is de-
monstrated. The most essential charac-
teristics of the improved SSMs are summarized.
Handling-, application- and performance
specifications for the SSMs have been
established.

INTRODUCTION

For future application satellites lifetimes of more than 5 years will be required.
One essential premise to mect this requirement is a reliable thermal layout of the
satellites which amongst other points of view may rely on lonaterm stable thermal ccn-
trol coatings with a low ag/&yratio.
Another important point of view is the spacecraft charqging centrel to prevent electronic
malfunctions. Onc essential contribution to solve this problem is to render the space-
craft surface coatings electrically conductive,.

Up to now only the Optical Solar Reflector (OSR) based on metal backed fused silica
sukstrate with or without an indium-two-oxide (ITO) overcoat is considered as the best
solution in view of resistance against space induced degradation of thermal control and
as far as applicable electrical characteristics. But it is known that this OSR is ex-
pensive in procurement and applicaiion.

An alternative solution with similar high resistance against deqradation effects
under space environment, but lower in cost and easier in handling and applicaticn, is
) an improved Second Surface Mirror (SSM) based on metal backed FEP-Teflon-foil with an
j interference filter (IF) on top. This improved SSM may be converted to an electrically
‘ conductive version by application of an intermediate layer and an ITO overcoat.

COMPOSITION

In principle the composition of the SSM respectively of the SSM/ITO is shown in
the Figures 1 and 2. What mainly separates the SSM form the SSM/ITO is 1st the inter-
mediate PMMA-layer between the FEP-Teflon-foil and the IF, introduced to reduce the
sensitivity of the IF and consequently of the ITO-layer to crack-formation, which may
cause serious increase in electrical resistance and 2nd the ITO-overcoat.

OPTIMIZATION OF CHARACTERISTICS

During an extensive analysis the most favorable material combinations for the SSMs
have been .dentified.

} Substrate

FEP-Teflon is know as the most suitable polymer foil for space application. Con-
sidering the color center formation and the charging-up to be volume effects and taking
| into account the request for a high value of the thermal emission coefficient (&,) the
‘ FEP-Teflon-foil type 500 A transparent, thickness 125 um, was selected.
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Reflector

Silver (Ag) is known as a very high reflecting material. Below 350 nm Ag and the
selected IF have similar absroption characteristics. Thus the influence of the IF on
the reflectance of Ag is quite low. As reflector an Ag-layer 1700 to 2000 R thick was
used.

Protection Layer

The protection layer to prevent corrosion of the Ag-reflector should be an electri-
cally conductive material to allow an electrical bonding of the SSMs to the Sspacecraft
structure. As suitable material Inconel with layer thickness 200 - 300 & was selected.

Interference Filter

As a result of an extensive test program, during which a lot of material combi-
nations have been investigated, the combination zinc sulfide (ZnS) as high refractive
material and aluminium oxide (Al;03) as low refractive material turned out to be the
best.

The IF shall have a high reflectance in the solar maximum in order to reduce the
effect of colour centers, formed in the FEP-Teflon-foil, on the solar absorption co-
efficient (®g). The higher the number of alternating ZnS/Al203 layers, the higher the
reflectance (see Table 1) but also the higher the danger of crack formation in the IF.
As a compromise an IF with 4 ZnS and 3 A1203 layers was selected.

Table 1: Theoretical reflecting power of the IF dependent on the number
of alternating Zns/A1203 layers

IF-Layers Reflecting Power
3 59 %
5 76 %
7 87 %
9 93 ¢

The reflectance maximum has been adapted to 475 um for the S5M and 460 um for the
SSM/ITO because the ITO overcoat causes a shift of the IF maximum to larger wavelengths.
Measurements indicated a weak response of the &g-value to the position of the reflectance
maximum within + 50 um wavelength range (see Figure 3),
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Figure 3: Variation of absorption coefficient of the SSM
vs position of IF reflectance maximum
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Intermediate Layer

The IF deposited on the FEP-Teflon foil formed cracks during handling and testing.
The cracks do not have any influence on the O&;-value but would seriously incrcase the
electrical resistance of the ITO layer, Intensive investigations indicated that an
intermediate layer with a high Young's modulus between the FEP-Teflon-foll and the IF
will reduce considerably crack formation. As PMMA is known to be relatively stable
against UV- and particle radiation and in addition is soluble in common solvents this
material has been selected as intermediate layer. Layer thickness is 1 - 2 pm.

Adhesive Layers

To attain sufficient adhesion of the Aa-

IF- and intermediate layers on the FEP-

Teflon-foil a transparent Al-laver,

20 - 30 thick, had to be deposited on the foil.

The Al together with the fluorine of the foil form an intermediate layer with high
adhesive strength.

Also between the IF and the PMMA-intermediate layer a 50 - 70 R} thick A203-layer
is necessary to attain a strong adhesion.

Conductive Coating

A conductive overcoat on the SSM should influence the thermocptical characteristics
&g and £y unessentially and in addition should be transparent in the wavelength range
200 -~ 2500 nm. A favorable solution proved to be tin-oxide (Sn0O3) doped indium-two-
oxide (ITO) because this material meets the physical requirements and its vacuum de-
position technology is fully developed. The ITO-thickness was selected to be 100 - 10/
+ 50 A,

LAB QUALIFICATION
The SSM and SSM/ITO were qualified under simulated ground and swnace environment.
Test and Measurement
The following tests have been conducted:
- Tesa-tape-test
- Climatic test

o temperature cycle - 30/ + 50° ¢
o rel, humidity max. 80 %

- Thermal vacuum test
o temperature cycle - 135/ + 55° ¢

O pressure 10-7 mb-range

- Vibration test
o sinusoidal vibration

o random vibration

- Irradiation test
o 11000 ESH in the UV
16 ;2
o 10 ‘cm

) 1016 p'/cmz

The irradiation test was conducted in the MBB-combined c¢ffect chamber. The ®g~values
and the electrical resistance were measured in-situ during the test, The measurement
concept for &ugis shown in Figure 4.
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RESULTS

The SSM and SSM/ITO passed the mechanical (tesa-tape, vibration) and thermal
(climate, thermal vacuum) tests without any damage. No changes in agwere detected.
hfter some tests (tesa-tape, vibration) the electrical resistance of the SSM/ITO jin-
creased by one order of magnitude but remains far below a critical value (10 -10'0Nn ).
The Xg~-degradation behavior of the SSM and SSM/ITO is shown in Figure 5, For comparison
the degradation behavior of common SSMs without IF-protection is plotted in the figure.
The degradation behavior of the electrical resistance of the SSM/ITO is presented in
Figure 6.

SPECIFICATIONS
For the SSM and SSM/ITO the most essential specifications have been establ’shed.
Application and Performance Specification

- Application on the ground

- 30/ + 50° ¢
90 ¢

No condensed water vapor deposition admissible

Temperature range
Maximum rel. humidity

- Application during launch
No restriction for vibration modes and levels

- Agnlication in space
Temperature range -120/ + 60° ¢

Thermo-optical characteristics
SSM SSM/ITO

oy - 13 - .14
€, 73 - .74 .73 - .74
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Og ~ and R-behavior in synchronous orbit on the north or south panel of a 3-axis
stabilized spacecraft after a mission lifetime of 10 years.
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Degradation effects coming from contamination and electrostatic charging are not
considered.

Handling Specification

- Remark:

The SSM and SSM/ITO shall not be buckled at all. At bending radii £ 10 mm cracks
may be formed in the IF and ITO. Therefore cutting and punching shall be performed
on a plane and rigid support. If possible, the SSM and SSM/ITO shall be pasted on
a support structure under vacuum conditions to avoid formation of bubbles and as a
consequence of cracks in the IF and ITO.




- (Clecaning
Apply cautiously a pad of cotton wool soaked with ethanol or MEK,

- Cutting
Cuttinqg shall be performed preferably with hammer shears. Cutting with scalpel
or sharp knife shall be conducted only on a plane and rigid supprrt covered with

a thin 1ntermediate paper layer to protect the cutting devices, The cuttina angle
shall be as small as possible to avoid crack formation (see Fiqure 7).

Hammer
Shears

Figqure 7: Cutting of SSM and SSM/ITO
- Punching

tunching shall be performed with an auger as shown in Ficure 8,

Auger

Auger Template
v IF

> O 0 v 3 by
- o g a s

Lo, Foil
Paper 0,2mm
Support

Caretully Abraded

Figure 8: Punching of SSM and SSM/ITO
- Pasting

Pasting precferably under vacuum conditions. 1In case of pasting in the air apply
a roller for close pressing. Diameter of roller and radii of roller edages > 20 mm.

- Size

Maximum size of SSM- and SSM/ITO-sheets at the moment is 250 x 250 mmz.

CONCLUSIONS

The deposition of an interference filter (IF) on a comron FEP-Teflon SSM improves
the stability against space radiation considecrably due ¢ “wo effects. Below 350 nm
the IF absorbs UV-radiation very strongly before it pen...ates the FEP-Teflon-foil,
thus protecting the foil from color center formation.

On the other hand the IF reflects particularly in the solar maximum with the effect
that solar radiation will not be absorbed by color centers already formed in the foil.




By application of an indium-two-oxide (ITO) cover-coat the SSM with IF may be
rendered electrically conductive (SSM/ITO). To diminish danger of crack formation
in the IF and consequently in the ITO, which may increase considerably the electrical
resistance, an intermediate PMMA-layer has to be applied between the FEP-Teflon foil
and the IF. The PMMA-layer as well as the ITO overcoat seem to have a negative influ-
ence on the stability against space radiation. Therefore the conductive SSM/ITO is
less stable than the nonconductive SSM.

All the other characteristics of the improved SSMs are similar to those known
from the common FEP-Teflon SSM,

The improved SSM and SSM/ITO are lab-gqualified. Space qualification is being per-
formed with a combined space and lab program.
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REALISATION ET ESSAIS D'UNE STRUCTURE TREILLIS

CARBONE-EPOXY POUR SATELLITES

J.F. PATIN et J.L. CECCONI

AEROSPATIALE
100 bd du Midi - BP 99
06322 CANNES LA BOCCA CEDEX
France

Une structure trefllis 3 haute stabilité dimensionnelle a &té étudiée et réalisée par
1'Etablissement de CANNES de 1'AEROSPATIALE. Le CENTRE NATIONAL D'ETUDES SPATIALES
a participé au financement de ce programme.

Les barres du treillis 3 base de fibres trés haut module GY 70 et haute résistance T 300
ont une rigidité spécifique Elevée et un coefficient de dilatation voisin de zéro. Les
éléments de lialson entre barres sont 3 base de fibres haut module M4O. Les coefficients
de dilatation de chaque &l&ment ont &té ajustés de fagon @ avoir un coefficient de dila-
tation équivalent entre les points de convergence des barres, voisin de zéro. La stabi-
1{té dimensionnelle des différentes Jllaisons en fonction de la température a &té vérifiée.

Un cyclage thermique de type espace n'affecte pas le comportement mécanique de la
structure.

L'essal statique du treillis a montré que 1a rigidité &levée de la structure est conforme
aux hypothéses de dimensionnement. La tenue mécanique a Eté confirmée par des essals,
suite 3 une premidre &tape ayant nécessité un renforcement des lialsons.

1 - INTRODUCTION

L'AEROSPATIALE (Ftablissement de CANNES) a &tudi{é et réalisé une structure treillis
carbine/&poxy de type porte-source destinée aux satellites de télécommunication et de

télévision directe.

Les caractéristiques essentielles de ce treillis sont une bonne stabilité dimensionnelle
et une rigidité spécifique Elevée.

Cette structure probatoire représentée en figure 1 & servi de moddle de faisabilité

pour la tour porte-antenne des satellites de télévision directe en d&veloppement aujour~-
d'hu{. Le satellite g&ostationnaire TDF (vue artitisque figure 2) assurera la transmission
des programmes de télévisfon frangais 2 la fin des années 80. De m&me TV-SAT pour
1'Allemagne Fédérale.

Le programme structure treillis probatoire a été& cofinancé par le CNES (CENTRE NATIONAL
D'ETUDES SPATIALES) et 1'AEROSPATIALE.

2 - SPECIFICATIONS

Ces spécifications se rapportent au treillis défini figure 3.

- Rigidité

Fréquence du premier mode latéral supérieure 3 20 Hz dans les conditions suivantes :

. masse de 135 kg répartie sur chaque noeud (3 1'exception des 4 noeuds de base),
soit 8,5 kg par noeud

. centre de gravité 3 1,8 m au dessus de la base
inertie massique de 500 m2 kg par rspport 3 la base.

- Résistance

accélération longitudinale : 6 g '"f;’é‘txiPAGE }
K

accélérations latérales définies en figure 4.
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Y - Coefficients de dilatation

. coefficient de dilatation entre points de convergence decs barres @ 32
-0,5 106 ¢t < a <0,5 10-6 -

coefficient dec dilatation des montants @ 50 entre points de convergence
-1 10=% ¢! <a<1 10-6 ¢c-!

. stabil11té dimensionnelle sous cyclages thermiques de type espace {(entre 30 et -60°C)
Dans le cas d'un gradient thermique de type &quinoxe (-20°C/-50°C entre deux faces
de la structure) translation maximale au niveau d'un noeud inférieure a ©,2 mm

dégazage T™L < 1 7 cveM < 0,1 2.

3 - CONCEPTION DU TREILLIS PROBATOIRE

I1 est représentatif des deux premiéres mailles du treillis représenté en figure 3.

Le trefllis est constitué de quatre montants verticaux et dc barres de llaison. les
montants verticaux et les barres de liaison sont réalisés & partir de tubes en composite
carbone - résine &poxy de dlamdtres extérieurs respectifs 50 et 32 om.

Les noeuds de jonction entre barres sont entidrcment réalisés en matériaux composites
carbone/résine époxy.

Pour 1'ensemble des pléces, la résine utilisée est la Vx 108, résine Cpoxy polymérisant
34 18B0°C et satisfalsant aux normes de dégazage pour usage spatial.

3.1 - Barres

Les barres sont constituées de nappes carbone unidirectionneclles., Le composite réalisé
est un hybride tré&s haut module (GY 70) haute résistance (T 300). Le drapage symétrique
comprend huit couches de nappes trés haut module 3 0° -~omprises entre des nappes haute
résistance 3 + 20°.

3.2 - Noeuds

z

Le noeud présenté et utilisé résulte de 1a sélection d'une solution 38 la suite d'une
analyse et d'essais comparatifs.

Pour chacune des solutions envisapées, 1'étude a été faite sur un noeud dans le plan
(c'est-3-dire deux barres de liaison et un montant vertical) ; puls, la possibilité
d'extension de la conception 3 un noeud tridimensionnel (quatre barres de liaison et un
montant vertical) a &té& évaluée.

Ont été successlivement étudiées les trois solutions suivantes :

e ——

- Solution demi-coquilles non raidies (figure 5)

- Solution demi-coquilles raidies (figure 6), la solution précédente n'étant pas
suffisamment rigide

- Solution avec plaque traversante.
Cette troisidme solution a €té celle retenue pour les raisons suivantes
‘. - rigidité plus élevée
- meilleur compromis entre caractéristiques mécaniques, masse et coiits. L'utilisation
de matériaux, drapages et épaiszacurs différents pour chacune des piéces élémentaires

permet d'optimiser les caractéristiques mécaniques et le poids de la liaison

- possibilité de réaliser des angles différents sans modifier les outillages de fabri-
cation.

Enfin, cette solution peut &tre &tendue 2 un noeud tridimensionnel par l'utilisation
d'un gousset en croix ce qui est plus simple que les modifications qu'entralnerait
1'autre solution.

La solution finale retenue est représentée par les schémas des figures 7 et 8.

La jonction entre deux barres @ 50 est assurée par un gousset en croix et quatre quarts
| de renfortas.

| La liafison barre # 32 - gousset en croix est réalisée par deux demi-coquilles.
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Le collage est réalisé avec 1'HYSOL EA 934 particulildrement adapté aux programmes spatisux
par ses bonnes caractéristiques mécaniques et ses valeurs de dégazage acceptables.

La photographie de la figure 9 représente un noeud dans l'espace assemblé.
Les matériaux utilisés sont respectivement pour les goussets en croix et les quarts de

renforts un tissu carré haut module et pour lee demi-coquilles un tissu unidirectionnel
haut module.

4 - ESSAIS ELEMENTAIRES

Dans le but de vérifier les concepts retenus,des essais ‘6lémentalres ont été réalisés
sur des sous-~ensembles de la structure représentatifs de parties critiques.

4,1 - Essals mécaniques

4.1.1 ~ Essais de compression sur barres

Les modules et contraintes mesurés en compression sont les suilvants
- pour les barres ¢ 32
195 000 MPa « E « 215 000 MPa
500 MPa <« o < 600 MPa

- pour les barres § 50

205 000 MPa < E < 240 000 MPa

475 MPa « 0 <« 675 MPa.

4.1,2 ~ Noeud dans le plan

L'objectif de cet essal est de déterminer les propri&tés d'un noeud de liaison entre

un montant vertical et deux barres transversales coplanaires, La rigidité du noeud permet
de déterminer les fréquences de la structure treillis compléte en utilisant un modéle
dynamique aux éléments finis.

Ces fréquences sont les suivantes : ler mode : 23,6 Hz
22me mode : 29,5 Hz.

Elles sont supérieures 3 la apfcification (20 Hz).
La charge de rupture garantit une marge de 40 7 par rapport a4 la charge réelle.

charge réelle : 13 770 N
spécification : 16 000 N

valeur megurée : 19 000 N.

L'éprouvette noeud dans le plan est représentée figure 10.

4.1.3 « Noeud tridimensionnel

Le but de cet essal est de déterminer l'influence du gousset en croix sur les caracté-
ristiques mécaniques d'un noeud de dimension 3 comparées 3 celles des noeuds dans le plan.

Chacun des deux plans a &été essay& successivement. Ces essais ont donné des déformations

d'ensemble &quivalentes 3 celles observées pour le noeud dans le plan, De méme pour les
cher es de rupture.

4.2 - Fsgais de dilatation

4.2.1 - Barres

Mesuré e?tte -30°C et 90°C, le coefficlent de dilatation est constant et &gal 2 -1,30
10-6 °c-},

La digspersion des mesures est tr2s fsible en fonction du lot de préimprégné et du lot
de fabrication des barraes.
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4.2,2 -~ Montant vertical @ 50

L'éprouvette utilisée est représentée figure 11.

6 -1

Mesuré entre -30°C et 90°C, le coefficient de dilatation est &gal a -1,05 10°° °¢™%,

La présence d'un noeud sur une barre @ 50 rapproche de z&ro le coefficient de dilatation
global.

4.2.3 -~ lLiaison barre gousset

L'éprouvette utilisée est représentée figure 12.

Le coefficient de dilatation mesuré entre -30°C et 90°C est de 0 + 1077 o7t

4.3 - Essals de cyclage thermique

L'influence d'un cyclage thermique représentatif de cas réels de fonctionnement sur le
comportement mécanique de la structure a été &tudiée au moyen d'une éprouvecte de type
"noeud dans le plan" définie au paragraphe 4.1.2,

Le cyclage rcalisé était le suivant

- nombre de cycles : 2 000

- températures minimales : -75°C gt g -66°C

- températures maximales : 38°C g t € 42°C

- durée moyenne des cycles : 23 mn gt & 30 mn.

Le cyclage thermique ne modifife ni{i la rigidité ni la charge de rupture de 1l'éprouvette.

Son influence sur le comportement mécanique d'une structure carbone/époxy du type étudié
est donc nulle.

4,4 - Conclusion des essals €lémentaires

A partir des essais précédents, 11 est possible de déterminer les modules et coefficients
de dilatation des barres du treillis entre points de convergence.

Ce recadrage des modéles mathématfiques utilisés par le dimensionnement permet de déterminer
avec précision les réponses du treillis sous sollicitations thermiques (stabil{ité
dimensionnelle) et/ou mécaniques

iE équivalent {r3quivalent
(MPa) i ot
Barre ¢ 32 horizontale 128 000 ‘ -0,15
Barre ¢ 32 dlagonale 140 000 -0,38
Barre # 50 200 000 ¢ -1,04

Dans le cas d'un gradient thermique -20°C/-50°C entre deux faces de la structure (gradient
type équinoxe), la translation maximale au niveau d'un noeud est de 0,15 mm.

Le modele dynamique aux &léments finis de la structure treillis compléte donne les résul-
tats suivants :

- premier mode : F = 22,2 Hz (latéral)
- deuxiéme mode : F = 28 Hz (latéral)
(la spécification est de 20 Hz).

Les essals €lémentaires confirment donc la conception et le dimensionnement de la
structure.
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5 - FABRICATION

La structure est assemblée en quatre Etapes qul correspondent chacune 3 la fabrication
d'une face sur un méme outillage. La gamme d'assemblage &tait la suivante

e

- fabrication d'une premi2re face

- fabrication d'une seconde face

- positionnement vertical des deux faces précédentes et fabrication de la troisiéme face
- rotation de 1'ensemble et réaslisation de la dernidre face.

L'adhéstif EA 934 & ét& polymérisé 4 la température ambiante.

Aprés collage de la structure, un_traitement de stabiligation a &té& réalisé, soit
25 cycles de -70 2 +80°C sous 107° Torr.

La masse totale pesée de la structure sans ses embduts d'essais est de 7,15 kg.

6.1 - Essais statiques

Les charges appliquées sont telles que le torseur des efforts 2 la base du spécimen
d'essatl est identique 3 celui 3 la base de la tour treillis compliéte définie figure 3.

Une &tude théorique ayant montré que les conditions d'appui interviennent peu sur la
rigidité, la structure probatoire a &té encastrée sur l'outillage d'essais.

La figure 13 montre la configuration de 1'essail statique.

La structure probatoire présente un comportement &lastique pendant 1l'essail statique.
Les déplacements mesurés sont pratiquement identiques 2 ceux prévus d'aprds les essais
élémentaires (noeud dans le plan et noeud tridimensionnel).

De plus, il a &été vérifié que la structure ne s'est déformée en aucun de ses points
de plus de O0,] mm entre la sortie d'outillage et la relaxation des efforts apréds essal
statique,.

6.2 - Essais dynamiques

11 avait &té prévu un balayage en fréquence de 5 3 2 000 Hz. Une rupture du spécimen
d'essal a é€té observée en vibration latérale & 12 Hz 3 1'extrémité des quarts de r
L'expertise effectuée dans les zones de rupture a mis en &vidence des problémes de
délaminage au fond des fentes usinées dans les barres ¢ 50. Ce sont ces délaminages qui
ont entrafné la rupture.

Les modifications suivantes ont &té apportées au procédé de fabrication et 3 la concep-
tion du treillis

- amélioration des procédés d'usinage des fentes. 11 a &té vérifié par micrographies
que le nouveau procédé d'usinage utilisé n'entraine plus de délamirages

- modification du concept (décalage du niveau des fonds de fentes et quarts de renforts
prolongés au deld des fonds des fentes (figure 14).

Des essais dynamiques ont &t& rfalisés sur des €prouvettes Elémentajres représentatives
des deux concepts, wmals sans délaminages.

Au nouveau concept correspond une rupture dans la section courante du tube @ 50 et non
plus 3 1'extrémité des quarts de renfort.

Les charges de rupture dynamique observées sont les suiventes

Charge de rupture (10‘ N)
dans montants verticaux

- concept inttial 2
délsminages de fabrication
(structure compléte)

| - concept initisl 5
pas de délaminages
l (&prouvette Elémentaire)

| - concept amélioré 5,5
(éprouvette &lémentaire)

Les résultats obtenus zur éprouvettes &élémentaires sont satisfaisants, la contrainte
' maximale &tant de 4 10 N environ.
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7 ~ CONTLUSIONS

Le concept de trefllis développé est conforme aux spécifications et répond aux bescins
de rigidité spécifique et de stabilité dimensionnelle des tours de satellites de
télécommunication ou télévision directe.

Pour chaque application particuliére, 11 sera possible de développer une structure

dérivée de ce concept quil satisfassc exactement les spécifications propres au programme.
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’ SESSION T - GENERAL REQUIREMENTS AND RELATED

1 DESIGN PHILOSOPHIES

by

D.G.Zimcick
Communications Rescarch Centre
P.O.Box (1490, Station H
Ottawa, Ontario K2H 882
Canada

Paper 1 Fracture Mechanics and Fatigue Criteria in Material Selection for Space Applications,

Discussion centered on the fabrication technique of machiing from a solid «vlinder and the possibility and effect
of welding, Results quoted tor TIG welding with A1 filler (AA2319) a8 a abrication and repair procedure generated
considerable debate with reports of conflicting experience.

Paper 20 Structural Design and Test of the Shuttle RMS.

Discussion concerned the particular choice of materials such as bearing lubnicants cmolvbdenum disulfide dry
lubricationy and the epoxy resin for the arm booms tchosen by General Dynamics. subcontracton). Details of environ-
mental tests tor thermal cycling and electromagnetic compatibility were reviewed

Paper 3. Spacecratt Thermal Control Selection for Seven Years Life in Sy nchronous Orbat

Questions were posed to dentify the effects of environment not speaifically stated in the paper includime: con-
densed fdm contamination (not investigated ), moleculiar oxygen as observed on S TS (will be tested on Long Duration
Ixposure Facihity (1 DE R Jow temperature below 1387 (not vet tested), vibration spectrum trepresented a rocket
launch but information not avatlable), machiming technique in comjunction with thermal cycling (small cracks that might
grow would altect clectrical conductance but not solar absorptance), and clectrical connection to prevent charge-up (tests
have shown some problems more work to be done).

Paper 4: Realisation et Fssais d'une Structure Treillis,

The yjoint optimization goals hetween stitfness, clongation and weight were expanded in discussion. The joint
between the spacecratt and feed structure was not considered in the design optinnzation but was specified in overall
requrements,

GENERAL DISCUSSION

General discussion was initiated with a short description of the information on special requirements imposed on
structures and matertals used for high frequency communication antennas. These requirements formed part of a
scieduled paper on requirements tor large parabolic satellite antennas which was unavailable for presentation. Together
with the material selection requirements ot the presented papers, it was noted that the subject of materials selection for
space applications had many common and unique constraints depending on the mission.

Of particular concern to participants was the recently observed effects of atomic oxygen on polymeric materials in
low carth orbit (1 FO). 1t was noted that recent flights of the NASA Space Transportation System (STS) had shown
erosion of polymeny materals (e.g. Kapton, thermal coatings) predominantly in locations exposed to solar radiation on
surfaces normal to the direction of flight of the shuttle, The exact mechanism is not entirely understood but the effect
was not completely surprising since there is a body of knowledge on atomi< oxygen at LEQ. The effect appears to be a
surtace phenomenon with no noted change to the base material. Also the effect does not appear to cause enough damage
for a short STS flight and no remedial action is planned although fonger duration thghts might encounter problems. In
the intenim, it was noted that NASA plans several experiments on upcoming STS tlights to investigate the mechanism,

Further discussion addressed the issue of extended missions at various orbit attitudes and the problems associated
with extrapolating data from accelerated tests to longer times with confidence without flight expericnce.
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SUMMARY

A study has been undertaken to evaluate the combined effects of vacuum, thermal cycling and U.V. radi-
ation on the thermal distortion of selected polymer matrix composites. Data have becn obtained for ex-
posure periods exceeding 400 days in hard vacuum and over 180 equivalent sun days of U.V. radiation. Dur-
ing this time, insitu measurements of the thermal distortion and coefficients of thermal expansion (CTE)
have been made using strain gauges and laser interferometry, Results have also been compared to an analyt-
ical model to demonstrate the usefullness of the data in predicting the thermal response of arbitrary lam-
inates.

NOMENCLATURE
h
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Ell' EZZ orthotropic moduli of elasticity measured in the 1 and I directions, respectively
G12 shear modulus of elasticity measured in 1-2 plane
h total laminate thickness
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a coefficient of thermal expansion
Y,€ shear and normal strain, respectively
x curvature

0 fiber sangle relative to X axis
pnéCTaiifiZiﬁE"jEIE’b
v Poisson's ratio 1S BLANK

g, 1 normal and shear stress, respectively




1. INTRODUCTION

The success of the U.S. Space Transportation System (Space Shuttle) and the published plans of the
taropean Space Agency (ESA) to progressively augment the launch capability of its Arianc booster offer
new opportunities for future space related activities. These events will particularly affect satellite
nissions requiring heavier and larger spacecraft in orbit.

Launch capabilities for payloads of 29,500 kgm to low earth orbit by the U.5. Spuce Shuttle or 4000
kgm to peostationary transfer orbit with F'SA's expendable rocket (Arianc IV) are planned to be routinely
available within the next five years. Beyond that time, the U.S, is actively planning to further augment
the present shuttle geostationary orbit capability from the present 2250 kgm to 5000 kgm through the devel-
opment of a Centaur stage based liquid propulsion booster [1]. These developments indicate that launch
volume and mass distribution will be more important desiyn considerations than overall mass, requiring
efficient packaying through deployable and extendable concepts. Furthormore, higher reliability cowponents,
larger development and fabrication investment, and the possibility of refurbishment (ombine to vield an
ever increasing mission life for future spacecraft,

The main etfort in design is directed towards earth orbital platforms which fall into two generic cat-

esories, viz: geosynchronous (GEO) (of which most are more specifically geostationary) and low earth or-
bit (LEO}. Space structures destined for interplanetary travel and eaploration are often unique unto them
selves due to individual mission profiles., However, certain requirements are common to structures in

either of the former classifications. 1In particular, the flight profilc for low earth orbit missions may
be varied in both altitude, ranging from a minimum of approximately 100 im to highly elliptical orbits

with apogees of many thousands of kilometers, and inclination angles including both equatorial and polar
orbits. Furthermore, due to earth rotation, these space craft do not always traverse the sume path through
the earth's expanded atmosphere. Consequently, although it is difficult to define a specific generic mis-
sicn environment, it can be generally stated that thermal excursions are more fregquent due to short orbit-
al periods and often these orbits do not traverse the trapped radiation belts surrounding eurth with the
exception of the South Atlantic Anomaly {2]. In addition most LEOQ plat©srms support carth resources pay-
loads, an example of which is the Canadian proposed RADARSAT, thux imposing rigid requirements on stiffness
and thermal stability of large instruments in order to achieve the positional and pointing accuracy neces-
sary for high resolution. Of course, thesce requirements must he met with a minimum mass structure which
can be deployed from a high packing efficiency launch configuration., Such systems necessitate joints,
mechanisms, ctc. with the accompanying interfaces generally of metal toe composite, thus requiring thermal
compatibility, localired strength, and creep resistance. Generally, for the large structures envisioned,
strength is not a design driver provided the stowed structure can withstand launch {31,

Satellites in geosynchronous orbit experience fewer thermal excursion cycles due to the longer rota-
tional period, but, these craft Jdo traverse the trapped radiation belts surrounding carth [2]. In addi-
tion, the popularity of satellite communications, particularly over the hestern tlemisphere, and the derand
for high power transmission, imposc payload |ssitioning and pointing censtraints to minimice interference
due to beam spillover. Yor example,ajoint Cunadian-U.S. operational mobile communicativons satellite which
has been proposed, utiliczes a large (up to 100 m dia) reflector connected to the main bus containing the
feed network by a rigid, dimensionally stable structural member (up to 100 m in leneth) to maintain accur-
ate separation and position to produce the multiple spot beam ground pattern [3]. Agair, this configura-
tion will he deployed on station, necessitating interfaces and joints with the attendant thernal compat-
ibility, localized strength and creep resistance for a design life of 10 years. The size, fabrication, and
control of these very large structures impose severce reauirements on the materials and structural design
for high stiffness, light-weight members. Advanced composite materials seem ideclly suited to meet this
chiallenge because of their high specific stiffness and thermal dimensional stability. However, of primary
concern at this time is the effect of space emiromnment on the degradation of polymer based composites.
Although numerous composite material components have been successfully tlown on spacecraft, thesc have often
been protected inside the relatively benign environment of the bus. In the future, larger more complex
structures may involve numerous payload elements held away from a central bus structure with high structural
dynamic stiffness reaquirements for spacecrift control and again often Jemanding positional accuracy. Of
particular importance, these members will be exposed to the full effects of space environment protected only
by super-insulation, or ecaquivalent, if thermal control is required. Moreover, increased design life trans-
lates directly into increased number of thermal cycles, radiation doses, etc. which must be sustained with-
out degradation of structural nrerformance belew snecification requirements. Unfortunatelv, the long term
effect of space eavironmental exposure on polymer matrix advanced compesites are not completely defined. In
this regard, an cxtensive study was undertaken with the following objectives in mind;

(a) evaluate the effects of a simulated space environment on the thermul lJistortion and coefficients of
thermal expansion of different polymer matrix composites;

fbY  develop analytical models for predicting the CTE and creen responsc for any laminate configuration.

2. EXPERIMENTAL PROGRAM
2.1 Objectives

To secparate out the various cnvironmental factors which might influence the thermal distortion charac-
teristics, the following effects were investigated;

(a) long term storage,

(b) thermal cycling,

(c) vacuum,




td) U.V, radiation,

Several different material systems were used in this program, a summary of which is given in Tatle 1.
Samples were fabricated in both tubular and flat plate forms. In addition, a hybrid laminate having a
‘zero' CTE contiguration often utilized as waveguides in Canadian communication satellites was also includ-
ed. The following sections briefly describe the test facilities.

2.2 Thermal-Vacuum Facility

All thermal cyeling tests of tubular samnles in hard vacuum were conducted in the space simulator shown
in Fig. 1. Combined action of roughing and oil diffusicn pumps with a liquid nitrogen cryogenic trap above
the diftusion pump permitted 107 ¢ torr to be achieved in about one hour. Automatic temperature control and
LN» monitors allowed the facility to run continuously for periods up to two weeks. In addition, recording
of strains and temperaturcs was also automated, thus enabling thermal-vacuum test data to be obtained over
any selected time interval. Figure 2 s'ows the support apparatus used to thermally cycle the tubes while
in a vacuum enviromment. The fixture consisted of nine vertical heating coils (nichrome wire), shielded
from one another and mounted on an aluminum base plate. The coils were oriented vertically which allowed
easy access to the specimens and posed no problem with respect to thermal gradients since convection is not
present in a vacuum,

Fach coil was capable of thermally loading a specimen Scm to 18cm in length, and 5¢m to Scm in diameter.
The voils were individually wired to an external power source and indiviually shielded; thus, the apparatus
provided nine ditferent thermal spectra, or cycled nine samples of varying absorptivity and emissivity
throuch the same spectrum. The system was capable of heating specimens trom room temperature to 350°F with
thernal gradients less than 2°F on any specimen,

2.3 Thermal-Vacuum Radiation Facility

Another thermal-vacuum facility (Fig. 3} was developed containing a U.V. source. Using a 1000 watt
Xenon U.C. arc lamp (Conrad-Hanovia, USA: 1000 hr liftime) in conjunction with a variable current regulated
power supplyv provided a capability of simulating a wavelength range of 200 nm - 400 nm. Measurements of the
actual U.V. intensity were made with both short (220 nm - 280 rm) and long wave (300 nm - 400 nm) sensor
cells ("Blak-Ray” Meters UVP Int. Inc., USA). This svstem was mounted vertically in an air-cooled quartz
tube centered in the chamher, thus providing 360° of exposure. Thus, using a carousel arrangement (Fig. 4)
a total of 30 flat samples ( ~ 2.54 cm. in width) could be tested . Since it was desired to separate out
radiation and thermal vacuum effects, it was importunt that control samples be used. Ideally, all samples
would he exposed to the same temperature and vacuum histories, the only Jdifference beiny exposure to the
radiation. To attain this goal, a strip of sheet aluminum was attached tv the framework on the carousel.
This was positioned so as to shield the lower half of each sample {rom direct UV radiation, Since little
if any UV radiation was reflected, the lower half of each sample acted as a control for the upper half of
that same sample. The main drawback of this scheme was that temperatures on the upper and lower parts of
each sample would not be exactly the same. This aspect was taken into account by mounting a thermogauge
on cach section. In addition, the strains in the exposed and shielded portions of euach sample were moni-
tored using two longitudinal strain gauges. To prevent possible degradation of the strain gauges duc to UV
radiation, all gauges were placed on the outside of the samples away from the UV source. Finally, it should
be noted that before and after each irradiation period, the UV output of the bulb was recorded, These data
were then used to obtain integrated irradiance values for both the short (250 nm) and long (350 nm) wave-
length UV bands, It was found that the UV spectral irradiance was, on average, about 4,2 times that due

. . to the sun at onc astronomical unit (1 a,.u.).

' 2.1 CTE Measurements
‘ lcasurements

t
. In-situ measurcments of thermal strains were made using bonded surtace strain gauges. lowever, for the
, - tubular samples, laser interferometry was cmployed to calibrate the strain gauges. This was particularly im-

1 portant for the low CTE configurations. The test apparatus consisted of a helium-neon laser beam which pro-
duced interference fringes corresponding to 3164 A axial end displacement. Thermal-vacuum ¢ycling effects
1 on the strain gauge behaviour were obtained from an aluminum sample which itself had been calibrated in the
laser interfcrometer. Further details of the test procedure can be fourd in Ref. 5.

3. ANALYTICAL MODELS

Two analytical models were employed to predict the thermal responsc of the composite materials. The
first model (see Appendix A) was based on laminate theory and was found suitable for calculating the CTE
for various ply configurations using lamina material properties. However, to account for viscoelastic
effects, a creep model was developed , details of which are also given in Appendix A. Such a model was
decemed necessary to account for the lony term dimensional drift often observed in low CTE configurations.

4. EXPERIMENTAL RESULTS

4.1 LCffect of Storage on CTE

Circular tubes of hybrid construction containing HMS and T300 fibers in the form of 0°r3gp [052°/-527/
-52°/+52° |y with a 5208 Rigidite matrix were subjected to 6 months storage in ambient laboratory conditions
and in a 'dry' desiccator environment. The purpose here was to determinc the extent to which 'zero' CTE con-
figurations could be expected to change. TIrom Table 2 it is evident that for two cases (lowest CTE values),
significant increases were found whereas the other two samples did not show any noticeable effect.

) 4.2 Effect of Thermal Cycling at Ambient Conditions
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Using specimens taken from the :ame material batch as in Section 4.1, a series of thermal cycling tests
over a moderate temperature range (75°F €7 £ 200°F) were conducted to examine the chanpe in CTL. From
fable 3, it can be seen that, on the average, a small increase in CTF was obtained.

1.4 fffect_of Thermal Cyeling in Vacuum

rhermal cveling tests were alse run in hard vacuum (107% ~ 1077 torr) over varying periods of time for
several material systems, including the hybrid laminate described previnusly. The additional materials in-
cluded sM's praphite/epoxy (SP288T300), Keviar® /epoxy (SP306) and Boron/epoxy (SP290).

tor the hyvbrid structures, it is clear from Table 3 that significant increases in (TE were found due to
the viacuum exposure, probably resulting from moisture outgassing.

Similar tests were then conducted on the pxaphitc/epox. svstem SIPPZBST300 in the form of 26 laminates, Of
particular interest were the (* 22°) and (! 45°) samples which corresponded to large negative and near 'zero’
CTE configurations, respectively. In these cxperiments, duplicate specimens were taken from the same mat-
erial batch and thermally cveled at the same time under ambient conditions. Figures 5 and 6 present the
data and it is evident that the 'vacuum effect' again changes the CTE values,

Subscequent tests were then made on SP288T300, SP306 and SP290 materials tor other ¢ ) laminates.
These results indicate (Fig's 7,%,9) that in some cases, a drift in CTL occurs

4.4 Thermal Cycling in Vacuum with 1.V, Radiation

Extensive thermal/strain data were obtained for different U.V. exposure periods. A complete set of
results can be found in Ref. 6. iowever, two summary plots are present-] in Fig's 10 and 11 for graphite/
epory and Kevlar ¥/epoxy, respectively. In general, when one comparcs the unshiclded and shielded specimen
rewults, there appears to be no significant U.V. effect for the exposurc times investigated.

4.5 Viscoelastic Creep Parameters

To investigate long term dimensional changes it was necessary to obtain 0° and 90° creep compliance
data in the thermal-vacunm environment. Such tests were performed in the radiation facility since the car-
ouscl could rotate samples into load grips. Each specimen was subjected to a given load for a prescribed

length of time. Once the load was removed and the sample left unconstrained, the strain was record-
ed as a function of time. Using the analysis dJescribed in Appendix A, 1t was possible to obt.in the creep
compliance data from the strain/time curves. Further details on the experimental procedures and analysis
can be tound in Ref. 6.

It was observed that the 0° laminates did not exhibit any significant creep behaviour. Results for the
a0° $P248-T300 material are presented in Fig. 12. Note that the change in compliance (&L $) was set to zero
at 2 secconds because of the comparatively large variations associated with the initial compliance values
which tend to mask the time dependent variations. In examining the datu in Fig. 12, it is evident that the
rate of change of the creep compliance becomes smaller with greater exposure to the thermal vacuum envircn-
ment in the simulation chamber. There is generally no consistent difference between the exposed and shield-
ed sample results. By comparing compliance values recorded for the same stress level at the same time, it
may be noted that a higher temperature results in a larger compliance value and a greater time dependence.

S.  DESIGNING FOR THERMAL DISTORTION
5.1 Laminate CTE

To demonstrate that application of principal CTE data to design, it 1s possible to calculate the the-
orctical variation in CTE with fiber angle for symmetric laminates knowing a; and 2., Using tg (A.11), the
predicted "nrxatxon in CTE with fiber angle for a (3 Mg laminate is shown in Fig Is based on 220 davs of
cxposure ¢ 107% torr and subject to 4R thermal cycles. Comparing test results with an1l\<l< shows excel-
lent agreement,

5.2 Crecp Response

To illustrate the application of viscoelastic anal)Sls (see Appendix A} to composite design, including
the effects of space environment exposure, consider a (. 43°)g graphxtc/upoxy laminate which represents a
*zero’ CTEL configuration at ambient pressure. If this laminate is then subjected to a step change in tem-
perature (say from +275°F down to 75°F), the corresponding change in axial strain as a function of time is
shown in Fig. 14. Although the ambient CTE for this laminate (neglectiny creep effects) was not 'zero' but
slightly negative, these results demonstrate that one cannot obtain a constant CTE for all time. For both
the ambient and exposed materials, the CTE's are negative and become more so with time. It is also evident
that the effects of the thermal-vacuum-radiation environment must be taken into account when initially de-
signing a Jimensionally 'stable' structure.

5.3 Sensitivity of CTE to Material Property Changes

Using the laminate analysis of Appendix A, it is possible to investipate the sensitivity of the CTE to
changes in the orthotropic elastic constants and principal coefficients of thermal expansion (ay, a;).
Consider a symmetric balanced laminate of (0, ! 6)g construction fabricated from Narmco HMS/S5208 material.
Based on ambient test data (Table 1), variations in oy and ay were calculated for varving ply angle 8 as a
function of a; (Fig. 15), a; (Fig. 16), E,, (Fig. 17) and Gy, (Fig. 18). It is clear that small changes in
wrapping angle can produce deviations in the CTE comparable to the variations obscrved in the test data near
the zero CTE configuration, Furthermore, these effects are compounded by differences in the material pro-
perties, although the effect of shear modulus is small.
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6. CONCLUSIONS

(a) Viscoelastic creep is regarded as the cause for any long term dimensional changes for low CTE configur-
ations. The presence of high residual lamina stresses may well prevent one from obtaining a 'distortion
free' structure for all time.

L (b) Due to polymer ocutgassing (initially comprised of mostly moisture), there is a significant change in
CTE, depending on the laminate configuration.

(c) There is_mo significant effect of U.V. radiation on the CTE for the materials investigated, up to 180
ESD @ 1077 torr.

(d) The successful design of a 'dimensionally stable' (ie; within a prescribed range of thermal distortion)
composite structure for long term space applications should be based on a viscoelastic analysis using

vacuum - corrected material properties. Other radiation induced effects must also be considered (pos-
sibly including atomic oxygen) once thev are known.
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TABLE 1 SUMMARY OF AMBIENT MATERIAL PROPERTIES

Material Ell EZZ G12 Vi all 957
(105PS1)  (10°PS1)  (10%PST) (107 CIN/IN/®F) (107 SIN/IN/®F)

Narmco

HMS/5208 24,97 1.17 0.624 0.21 -0.443 20.4

Narmco

T300/5208 16.92 1.41 0.687 0.32 -0.266 24.0

M

SP288T300 20.5 1.40 0.590 0.26 - .20 21,0

M

SP306

(Keviar®Epoxy) 12.6 0.80 0.30 0.34 -1.7 39.5

M

SP290

(Boron/Epoxy) 30.0 3.5 1.8 0,20
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TABLE 2 EFFECT OF STORAGE ON CTE
Initial Ambient Storage (6 mo) Desiccator Storage (6 mo)
Specimen __CTE _ CTE CTE
(107 IN/IN/°F) (107 ®IN/IN/°F) (10" EIN/IN/°F)
U1B0 2.1 2.0 -
U3AL 0.9 1.7 -
U1A0 2.5 - 2.4
U2Al 0.8 - 2.1
TABLE 3 LFFECT OF THERMAL CYCLING ON CTE
Initial Ambient Thermal Cycling Vacuum Thermal Cycling
Specimen e CTE . LIE . CTE
(107 IN/IN/°F) (107CIN/IN/°F) {107 FIN/IN/°F)

|
U1CY 1.8 1.8 \'

|

. 1060
U2A2 0.9 L4} cvetes
U3A2 0.7 1.1 J
(Cycles) i

U3A1 0.9 1.16 117
11281 0.9 2.19 "7 !
U3B1 0.8 1.92 77
U3B2 0.8 2.33 77
U2R2 0.9 2.1 77

APPENDIX A

ANALYTICAL MODELS FOR PREDICTING
THERMAL STRAIN DISTORTION

A.1 lLaminate CTE Model

In general, if one considers a temperature change AT acting on a thin laminate composced of an assembly

of 'homogeneous' orthotropic laminae, the thermal stresses (referenced to some arbitrary set of structural
axes X, Y) in the k-th lamina are given by

Jx Cx Kx Gx
° -1 .
o I [Q]k cyo + 2 “y - [T]k [y |, AT(2)
0
Txy nyo Kxy (A.1)
k T T k

assuming linear elastic behaviour. For an arbitrary assembly of laminae, we can integrate this equation
over n laminae to obtain the following stress resultants acting on the laminate:

—
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S BN o] (A.2)
3 M B D x G
where
n a1 ay hk
(fFl = = [T [Q 2, ‘ AT(z)dz '
k=1 k]o
Jk hk-l
n -1 *1 "
[C] = L [T) Q] a, AT(z)z d2
k k 0
k=1 X h
k-1
for constant thermal resistivity in the 2 direction:
n -1 %
T -T 2 .
Fl = = (T (@ e, (u L)“'k -n2)
ksl k k 0 2h
k
(A.3)
T, + T ]
L u
+ [ -T th, -h )
2 ref k k-1 ]
and
‘ i -1 °1 T T 3.3
6] = £ [ (@ fe w-TL ) 3o
2 k k-1
k=1 k k ) 3h
k
T, + T 2 2
. 1 [ L u - Tref] (hk - hk-l) (A.4)
2 2
where h ¥ total laminate thickness,
Tref temperature where there is no strain or curvature in the laminate,
TL =  temperature of lower surface of laminate, ;
i
Tu = temperature of upper surface of laminate, :
AT(2) S temperature at position z in laminate minus Tref
If one considers a stress free state (i.e., free expansion) and no temperature gradient through
the laminate thickness, then
N 0
M 0
and Eq. (A.2) reduces to
B [ ] " -1 E i
O L9 B UTU B BRI U N U 51 B R *.5)
ny (xy k=1 L -k
L T - 0T
.:x 7 l'-qu " -1 *
0 AT & 2 2
[Bij] cyo + [Dij] <y = - [T]k [Q]k a, (hk - hk-l)
Y 1 4 = ._o.a
Ya Xy
- ~ T - = T k

solving these equations for the mid-plane thermal strains and curvatures yields:




-

« - ——

-1

-1
S K (L3 I (N Y IR WY
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< K k¢ ) b
k=1 k {A.T)
1 n 1 a
(851 [Aijl o, : (hy - hy ]1}
k=1 k
and
A 2]
LAy -1 -1 .
Lolp = &TMAG 7 T 190 i IR T S L ST h-R)
ksl 0 d

Note that for the snecial case of a symmetric laminate, [B..] = o and the above equatiors reduce to

. ij
n 1
AT -1 -1 ! 2 2
febp = 55 W07 ¢ (177 b, T -nTp = (A.9)
T 2 ij 2 k k-1
k=1 Mok
- k
n a
-1 -1 !
= A R - 10
[+ ‘T T[ij] r [TY "[q) a (hk hk-l) (A 10)
K k k
=] 3
k
Defining a matrix of coefficients of thermal expansion by
n G N
X Xo/
2
X
1, e 01
) Yo/
V‘v Lt T
Yo/
one ohtains
'lx n o ll
- - 3
uy [Aij] T [T]k [Q]k o, (hk hk-l) (A.11
‘L k=1 l
Xy

k
for a symmetric laminate. FEquation (11) then provides the necessary analytical means for calculating
the structural CTE values for the GRE tubes, knowing the nrincipal material coefficients.

A.2 Viscoelastic Creep Model

In general, polymer matrix composite materials must be regarded as viscoelastic in nature. Such
materials exhibit a time dependent stress/strain response which may be linear or nonlinear. Moreover,
because of the viscoelastic characteristics, creep relaxation (i.e., time dependent material deformation
that can arise either under constant load or due to internal stresses for example) may play an important
role in explaining the dimensioral changes that can occur in a laminatc even at constant temnerature.
Bec: ise of the mismatch in CTE's of the various plies used to construct a laminate, large internal (or
residual) stresses can arise af'ter cool-down to ambient conditions.

The constitutive relationships for an isothermal, linear viscoelastic material mav be written in the
following form:

T
I Cijk[(t -t (A1)

A standard method of solving such equations is to apply a Laplace (or Fourier) transform and then to use
elastic analysis to obtain the transformed solution. After transformation (A.12) becomes:

%% = 5Cijkext A.13)

where
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-
£(s) = I g(t)e 3tar (A.14)
o
If the temperature is not constant, (A.12) takes the following form:
‘ ey 24T
= -t! L . =t! L]
oij j cijkl(T‘ t-t') - dt J ﬂij(T, t-t') 5T dt (A.15)
0 o}
where AT represents a temperature change relative to some reference value., For thermorheologically
simple materials, (A.15) may be written as
£
I L TR I 1y 38T oo, A.16
Oij = ) cijkl & -t T dg - ) Bij (£ - €") Tl £ (A.16)
where £ is a transformed time variable used to take into account the effect of temperature (or
moisture) on the time dependent material properties. It is defined as:
t t!
€ = de | £ e de!
nTiTi 4 aTiii (A.17)
[+} [}
where ap is the temperature scaling factor, Note:
aT(T) =1 forT= Tref (A.18)
Perhaps the simpliest class of thermorheologically 'complex' materials can be described by:
§ &
g.. C.. - £ 13 8.. (£ - £') aaT '
Y =J ijke (8- 81 361'“ e - I ij ¢ )?E" de (A.19)
8 ° o
where a, (T) is a "vertical' scaling factor, equal to 1 when T = Tr . This is the type of material
which tgis analysis considers., Applying a Laplace transform to EQ. (A.15) gives,
C'i4 -~ -~ - -
a—ng- " 5Ciixn Ske - By OT {A.20)
where in this case
£(s) = I £(6) e 5% at (.21
(]

Using (A.20) the usual laminate thermal analysis may be performed to obtain solutions in the transform
domain,

The problem of transforming the 'Laplace transformed' solutions back into the time domain still
must be faced, One method used by Schapery (Ref. 7) is a collocation inversion. He assumes the time
response to some step input (at t = 0) will be a series of decaying exponentials (Direclet Series),i.e,,

N -th,
f(t) =S_+ L S, e '
ad . 1

isl

(A.22)

where S.'s are constants. The values of A. are chosen arbitrarily. Schapery recommends choosing them
one decade apart over the region of interest.

Once a solution for a step input has been obtained, it is reasonably straightforward to obtain a
solution for a general input. Letting f(t) represent the respnse to a stcp input, then the response to
a general input I(t) is 0(t) where:

t

o(t) = I £(t - t1) o dv! (A.23)

[+
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CTE for Kelvar/Epoxy
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SUMMARY

Composite materials will be used for future space missions such as communication antennae,
solar reflectors, satellite power systems, and a space operations center because of their unique
combination of high specific stiffness and low coefficient of thermal expansion. For long-life
space missions (10-20 years) the durability of these materials in the hostile space environment has
been identified as a key materials technology need.

This paper reviews NASA-Langley's research efforts on the space durability of materials
including: radiation effects on polymer matrix composites, and films; dimensional stability of
polymer matrix composites, and tension stabilized cables; and thermal control coatings. Research
to date has concentrated on establishing a fundamental understanding of space environmental effects
on current graphite reinforced composites and polymer systems, and development of analytical models
to explain observed changes in mechanical, physical, and optical properties. As a result of these
research efforts, new experimental facilities have been developed to simulate the space environment
and measure the observed property changes. Chemical and microstructural analyses have alsc been
performed to establish damage mechanisms and the limits for accelerated testing. The implication of
these results on material selection and system performance are discussed and additional research
needs and opportunities in the area of tougher resin/matrix and metal/matrix composites are
identified.

INTRODUCTION

Large space structure systems technology is a continuing reseirch activity within National
Aeronautics and Space Administration (NASA) [1-5]. This research relates to several spacecraft
concepts for future space missions such as communication antennae and a space operations center as
illustrated in figure 1. The key materials technology needs identified for these large space
structures include both structural efficiency and environmental stability. Research relatei to
several identified needs has been initiated.

Structural requirements generally focus on light weight, high stiffness and dimensional
stability. Conventional aerospace materials such as aluminum and titanium do not provide these
characteristics whereas advanced graphite reinforced composites do. The coefficient of thermal
expansion (CTE) values and specific stiffnesses of graphite composites and selected other low
expansion materials are compared in figure 2. Quartz and ULE (titanium silicate glass) fall within
the preferred range of CTE but do not provide the needed stiffness. A range of values are shown
for both the graphite/resin and graphite/metal composites indicating the flexibility that these
composites offer for tailoring properties by varying the fiber type and ply orientation.
Graphite/resin and graphite/metal composites both provide the needed CTE values and can be selected
for a particular application depending on the stiffness requirements. Graphite/glass has a very
low CTE and high stiffness but its low thermal conductivity may make it undesirable in applications
where large thermal gradients could cause warping of the structure.

The environmental stability or materials durability in the space environment becomes a dominant
issue for long-life space missions (10-20 years), figure 3. In low earth orbit (LEO), materials
will be subjected to repeated thermal cycles of approximately +1250C, ultra-violet (UV)
radiation, and ultra-high vacuum. Micrometeroids and space debris are also considered hazards in
1FJ. For higher orbits, such as geo-synchronous earth orbit (GEO), the materials will also be
subjected to large doses of high energy electrons and protons. The primary concerns for
resin/matrix composites are radiatfon induced changes in mechanical and physical properties and
dimensional 1instability caused by microcracking due to residual stresses produced during thermal
cycling. Similarly, the residual strains produced by the thermal expansion mismatch between the
fibers and the matrix in metal/matrix composites are likely to affect the dimensional stability of
these materials. Long-life coatings which are required to keep the spacecraft system within design
temperature limits, are also affected by the space environment. Degradation of the optical
properties of these coatings by UV and particulate radiation and by contamination appears to be 2
significant problem that must be solved to achieve long-life (10 to 20 years) systems.

The ability to predict the long-term performance of all classes of materials in space must be a
central part of any space enviornmental effects program and may require flight experiments, such as
the Long Duration Exposure Facility (LDEF), for verification of ground exposure data and analytical
predictions. The remainder of this paper wiil discuss NASA-Langley's research efforts to address
the key materials technology needs in the areas of radiation effects, dimensional stability, and
thermal control coatings. Examples of current materials research directed toward large space
structures are described and additional research reeds and opportunitites are noted. A reference
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list is incluled of selected references that describe large space structural concepts and related
technology nceds in detail.

Reference to specific commercial materials in this paper in no way implies recommendation or
endorsement of the material by NASA.

LONG-TERM RADIATION STABILITY OF POLYMERS AND COMPOSITES

The space radiation effects program at NASA-Langley is divided into 3 areas of research. The
first area is aimed at developing improved facilities and methodology for exposing polymers, films,
and composites to a simulated space environment. The objective is to develop the capability for
long-term low dose-rate exposure with single parameter radiation and to develop a facility for
combined environmental exposure. This combined exposure will include electrors, protons and UV,
simultaneously focused over an area large enough to irradiate mechanical test specimens. The
second area of research is aimed at establishing the bounds of material property changes expacted
in the space environment. The objective of this area of research is to collect experimental data
on the physical chemical and mechanical properties of materials, hoth before and after radiation
exposure, and to correlate the observed changes with corresponding chemical characterization. The
third area of the program is to develop a fundamental! understanding of the radiation interaction
with polymers. This effort involves establishment of kinetic models of the radiation interaction
and identification of energy absorption processes and subsequent chemical degradation mechanisms.
This is an essential part of establishing the ‘“correct test" to evaluate materials and for
developing an accelerated test methodology. A fundamental understanding of the interaction
mechanisim is also vital to any new materiais development program. Results obtained in these three i
areas of research are discussed in the following sections. . ;H

The Space Environment

A major factor affecting the selection and application of wmaterials is understanding the N
service environment and its interaction with the materials of interc:t. For the space environment, ;
the significant exposure parameters and the magnitude of each are summarized in table 1. Also

given in this table is a brief statement of the possible interaction of each component with

spacecraft materials. Space debris and micrometeroids also exist i1n the environment but are not

considered in this paper.

The actual exposure environment for a space structure will depend upon its particular orbit. ;
As already discussed, both LEO and GEQ missions are being considered and the principal environmen- ‘
tal concerns in each were mentioned. In general, the charged particle environment, consisting of
large fluxes of electrons and protons[6-8], is a concern for all orbits passing through the Van
Allen radiation belts. For a GEO0 environment, the absorbed dose for a typical arganic polywer
(polystyrene in this example) as a function of material depth is shown in figure 4. The absorbed
dose, in rads, is shown for both 1 and 30 year missions and the thickness for a 4-ply composite is
shown to provide a reference for thin gauge structural members. Low energy electrons and most
protons are absorbed near the surface producing a very high surface dose. The absorbed
through the thickness of the laminate is approximately 5 x 10" rads for 30 years exposure.
Literature data [3] indicate that this level exceeds the cdamage threshold for most polymer systems
) and therefore property changes, which would limit the useful 1life of the structure, might be
} expected. Radiation induced crosslinking to produce a brittle matrix resin might be expected based
' upon these literature data. Because only 1 -ited experimental data exist [10] for the radiation
| durability of current high performance materials such as epoxies, polyimides, and advanced
i thermoplastics, these materials are the subject of our current radiation effects program.

Experimental Facilities

Several unique experimental facilities are being developed by NASA to verify material
performance and provide the characterization needed for development of models and ultimately an
accelerated test methodology. Simulation of the space environment will be performed in a single
chamber as illustrated figure 5. This facility will incorporate a 1 MeV electron acclerator, a 2.5
MeV proton accelerator and a solar UV simulator all targeted at a 30U mm diameter specimen mounting
plate. This equipment is schematically shown in the upper left of this figure. A comparison of
the operational energy range of the facility with the electron and proton space environment is
shean in the upper right. This comparison shows that the facility will duplicate a significant
portion of the energy/flux range of the actual environment. The exposure chamber and beanm
expansion for the electron accelerator are shgwn in the lower portion of the figure. Ultra high
vacuum low contamination pumps enabling 10-19pa pressures are used to evacuate the chamber and
beam tudbe.

Characterizatiaon of the fundamental radiation interaction mechanisms is obtatned by using
«maller single parameter ecxposure chambers. In these chambers, polymer films are subjected to low
‘nerqy (100 KeV) electrons. Chemical and physical properties such as weight 10ss, outgassing and
andensible products, infrared (IR) absorption and dynamic moduli are followed during the
irradiatton. Mechanical properties of the films are obtained after i{rradiation. These
characterization data serve as a sensitive measure of the radiation interaction and provide data
for developmenrt of mechanistic models of the interaction process.




Development o. Test Procedures

Because real-time exposures to evaluate space materials are not practical, a test acceleration
methodology must be established that can be used to accurately predict long-term performance from
short-time data. Test variables such as temperature, particle energy, dose rate and type of energy
myst be evaluated to develop this methodology. Figures 6 and 7 demonstrate some initial results of
this affort. Figure 6 shows the effect of dose rate (test acceleration rate) on sample temperature
for both polysulfone films and a graphite/polysulfone composite (4-ply, unidirectional). Because
of the low-thermal conductivity of polymers and difficulties in maintaining good contact with the
specimen cooling plate, the temperature of the composite specimen was found to increase
substantially with dose rate. For polysulfone films, contact with the cooled base plate was easier
to achieve and the maximum temperature at 108 rads/hr. was about 50°C which is significantly
below its glass transition temperature, (190°C) and no major effect due to temperature is
anticipated. High specimen temperatures, particularly those near the glass transition temperature,
may change the radiation interaction mechanism and therefore produce material changes not
representative of changes expected in actual service. For composites, long and thus expensive
tests are required.

Figure 7 shows the effects of dose rate and total dose on the glass transition temperature of
electron irradtated polysulfone films. From these results, it appears that dose rate, within the
range studied, does not affect the radiation interaction mechanism. However, comparison of these
data with similar information obtained at much lower dose rates must be made before any definite
conclusions concerning dose-rate effects on the interaction mechanism can be made. Very low dose-
rate studies are underway.

Effect of lonizing Radiation on Mechanical Properties of Composites

The effect of radiation on composite mechanical properties has not been fully explored.
Limited data [11-13] have shown, as indicated in figures 8 and 9, that radiation does not
significantly affect physical properties. Figure 8 shows the flexural properties of small (1.2 «x
2.5 cm) unidirectional specimens of T1300/5208 graphite/epoxy composite after exposure to electron
radiation. These miniature specimens were used because the exposure area was small. Exposures in
vacuum for doses up to and including 8 «x 107 rads are shown. The fiber direction was in the
direction of specimen length (longitudinal), so the flexural propertics were fiber dominated. The
flexural strength, figure 9, appears to slightly increase with dose, approximately four percent at
8 x 10° rads. However, the size of the confidence band is targe and could mask small changes in
flexural properties. This scatter is typical of composite specimens and is a major problem in
conducting environmental effects studies on composites.

Figure 10 shows the effect of electron irradiation on tensile properties of C6000/P1700
graphite/polysulfone composite specimens exposed to electron dosec to 1 x 10°” rads. Again,
miniature 4-ply composite specimens with a *45° orientation were testad. Slignt increases in the
indicated properties were found when the materials were tested at room temperature following
exposure. The modulus data for this composite increases in a similar manner as that found for film
samples of this material (figure 11). However, the magnitude of the change is less.

tffect of lonizing Radiation on Chemical Properties of Matrix Polymers

Thermoplastics with improved properties are being actively considered for structural
applications. One class that has received considerable attention for space and aircraft
application is polysulfone. For space use, these materials are attractive becasue of their
thermoformability. To assess long-termm durability of these materials in space, a study [14] of
their radiation stability was performed. A series of 4 materials, each with a different chemical
structure, was exposed to either an electron or a proton environment using several different dose
rates and particle enerqgy sufficient to give a unifom dose through the polymer film. The absorbed
dose was varied between 108 and 1010 rads. Film samples of all materials were used because
chemical characterization of films is much easier than composites and provides a more sensitive
measure of radiation damage.

The effect of tota) electron dose on the observed modulus ot the four polysulfone films is
shown in figure 11. The modulus of the unirradiated film is given on the ordinate. Modulus values
were obtained using an automated Rheovibron Dynamic Viscoelastometer [15], with all data obtained
at a frequency of 3.5 Hz. When determining modulus, the film sample was inserted, removed and
reinserted several times to eliminate sample mounting effects. All reported values are the average
of at least three measurements.

For all materials, modulus increased as dose increased, and the threshold value for a major
change in modulus appears to be near 10° rad. The percent increase ranges from about 24% for
P-1700, to 58% for Radel 5000. This§ increase with dose suggests that crosslinking is occurring in
all materials, particularly after 10° rad.

The glass transition temperatures (Tq) for these polysulfones after exposure is shown in
fiqure 12. T4 was measured by a Dupont Mode! 943 Thermal Mechanfical Analysis System in the film
stretch mode. Tg followed very closely the trends observed in modulus. That is, 3 significant
increase in Tq, “compared to the unirradiated materials was found to begin at 10

rads total
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dose. The observed brittleness, and increase in Ty and modulus at_this do§e level 1ndicate that
crosslinking has occurred. The Tq values for expoSures between 10° and 107 rads were lower than
the initial value indicating that ™ in this range chain-scission reactions predominate. These data
suggest that the ratio of chain scission to crosslinking changes with total dose and therefore must
be lncxuded in any attempt to model the radiation interaction processes that occur in these
materials.

In figure 13, two infrared spectra, each made from a separate film of polyethersulfore, are
shown. This polysulfone is representative ?f the four materials studied. The lower curve
represents the portion from 1600 to 600 cm~* frequency, of the IR spectrum of unirradiated
polyethersulfone. The upper curve represents that same portion of the spectrum of polyethersu\fan?
irradiated with electrons to 10'% rads. The SO, absorption band occurs at approximately 1400 cm~
which can be clearly seen as an absorption peak (an inverted peak) on the unirradiated curve.
However, after irradiation this peak is greatly diminished. Near 1300 and 1150 c¢m™* are the
asymmetric and symmetric ¢-SO0,-9 absorption bands, respectively. These bands are present in the
lower curve, but have almost disappeared in the upper curve of the irradiated material. At
approximately 1070 em~l  the ¢€-0-C absorption band, that appears on the spectrum for the
unirradiated specimen is absent in the spectrum for the irradiatec polyethersulfone. The spectra
shown here are the two extremes of the data actually obtained. The spectra of those specimens
irradiated at lower doses resemble the spectra of the unirradiated material, and, as the dose was
increased, the spectra approached that of the curve at 10 % rads. A1l four polysulfones exhibited
this same basic trend, with the S0,, ¢-S0,-¢ and C-0-C bands being the most significantly affected
by the radiation. The proton data, not shown here, also followed this trend, but the magnitude of
change is less.

Following irradiation of each polysulfone film, a chemical analysis was performed to determine
changes in elemental composition. Figure 14 shows this elemental composition data for one material
(P1700), normalized relative to the chemical analysis of the start:ny material, as a function of
total dose. Similar chemical analysis data were obtained on all polysulfones studied and showed
trends as presented in this figure. The analysis showed considerable loss of oxygen and losses of
sulfur and hydrogen. The threshold for a major decrease in oxy:en occurs near 2 x 108 rads.
About 24% of the initial oxygen content is lost for P-1700 at 1010 rads and that loss could
establish sites for crosslinks. This apparent loss is supported by the diminished absorption bands
associated with oxygen in the IR data. The breaking of an cxygen bond by irradiation and
subsequent combination of oxygen atoms to form oxygen molecules, which could then be lost to the
surroundings, would explain the decrease in oxygen content and the diminished absorption bands.
These data provide an indication of the type of outgassing products expected during irradiaticn anc
the associated changes in chemical structure.

Figure 15 compares the normalized oxygen composition of P1°00 polysulfone irradiated by
electrons and protons. As noted above, the electron irradiated sample showed a ioss of oxygen
through the dose range studied. K The proton expcsed materials, however, showed a loss of oxygen
only after 5 x 109 rads indicat{ng that a different mechanism of interaction may be invoived with
protons.

Nevelopment of Radiation Interaction Models

Development of durable materials for future space missions requires development of mechanistic
models that can predict chemical and mechanical stability over long periods {10-30 years). A
fundamental requirement of these models is the understanding of the primary processes cf energy
absorption in the material and the resultant energy dissipation which may involve bond cleavage and
chemical change. These changes ultimately result in chemical composition, Tq and modulus
changes in the material as demonstrated in polysulfone data shown ahove. Figures 16 - 18 show some
results of an effort to first, characterize and predict the site of the primary energy absorption
processes and second, to identify the products of the initial bond cleavage resuiting from this
enerqy absorption.

Electron impact mass spectral data of molecules with similar composition to structural parts of
the matrix polymer have been used to predict the likely interaction site of space electrons wi.. an
epoxy as shown in figure 16. In the right side of this figure (results of mass spectrometer data),
the probabilities of breaking major bonds are compared. The H-N bond exists in both the cured
epoxy and in the simple molecule in a similar configuration (adjacent to the benzene ring). The
data demonstrate that this bond is more susceptible to breakage than the C-C bond, also adjacent to
the ring. Applying this procedure to the epoxy structure using mass spectral data of many simple
molecules, the possible electron interaction sites have been identified and are shown with arrows
on the epoxy structure. In addition, taking the prediction procedure one step further, the
reactive radicals expected from the material when bonds break, can be identified.

Experimentally, the radical concentration in irradiated polymeric materials is being measured
with electron spin resonance (ESR) techniques. This technique measures the presence of unpaired
electrons in the material. The specimen {s simultaneously subjected to a fixed frequency and a
sweeping magnetic fileld. At a particular combination of frequency and magnetic field,
characteristic of the electron's environment, the unpaired electron's spin is flipped and a net
absorption of energy is detected. Figure 17 shows typical ESR spectra of an epoxy that has been
irradiated to various levels and compares these to the unirradiated materfal spectrum. The epoxy’s




signal shown in the figure is due to radiation-generated radicals, the number of which varies with
dose. The signal magnitude, position, and structure vary with radiation dose as shown.

The variation of radical concentration, in a 177°C cure epoxy, with electron dose is shown in
figure !3. For 1.3 «x 108 rads, the radical concentration was approximately 1.9 x 10'® spins/g, or
one radical for every 55 molecules. As shown in figure 19, this radical concentration decays with
time once the exposed material is removed from the radiation source. for these data, the samples
remained at room temperature while being transported from the radiation source tn the ESR apparatus
thercfore, some decay occurred before the radical concentration cou!d be measured. The data show,
however, that many radicals are long lived. Literature data suqggest that each radical would, if
given sufficient time, generate a cross-link or chain scission.

Summary and Future Directions

Research on the long-term radiation stability of polymers and composites is underway. The major
accomplishrents to date include: (1) construction of a unique space simulation faciiity
incorporating sources for electrons, protcoos and U exposure of 2 large temperature controlled
exposure area, (2) development of initial test procedures to insure that an “accurate® simulation
is being performed; and (3) assessment of mechanical and chemical property changes in polyimide,
epoxy, and polysulfone films and graphite reinforced composites. Initial characterization shows
that significant chemistry changes occur during irradiation of the polymer. Major changes in
mechanical property of the composite, however, have not been found. future efforts will focus on
this 1nconsistency and the need to run long-time low-dose rate e«posure tests to more clesely
simulate the natural space environment.

OIMENSTONAL STABILLITY OF COMPQSITES

As discussed earlier, the performance characteristics of mar, large space structures are
dependent upon their dimensional stability. Materials to be use! in these structures include
graphite and quartz cables, resin/matrix composites, and metal/matrix composites. The primary
factors controlling the dimensional stability of these materiais include both thermal and
mechanical load cycling, moisture desorption, radiation exposure, an! microcracking. These factors
may cause permanent changes in the thermoelastic properties, as wel' as permanent residual strains
in the composite materials.

The dimensional stability program at NASA-Langley 1is Adivide: into three major areas of
research. The first of these is aimed at developing a thorough u.nderstanding of the stability
aspects of current graphite/resin composite systems. This includes -tudying the effects of thermal
cycling, radiation, and processing variability on the dimensional «tability of these composites,
both experimentally and analytically. Research to date has fucuse on the development of orecise
laser-based measurement systems for measuring small dimensional (nangss in composites, and the
effect of microcracking on the dimensional stability. The secon’ major research area s the
dimensional stahility of advanced composite systems, including hybrids, tougher resin/matrix
composites, and advanced metal/matrix composites. Research in thic area is just beginning. The
third area is the dimensional stability aspects of candidate tensi n-stabilized cable materials.
Pesults from all of these areas will be discussed in the forthcoming sections.

Techniques for Measuring Small Therma! Strains

The composite laminates used in structures where dimensional stability is critical will have
CTE's approaching zero. Therefore, any measurement system used t. characterize the dimepsional
stability of these composites must be capable of detecting strains on the order of 1x!0-°. Two
laser interferometer systems have been developed to accomplish this goal, a moire interferometer
and a Priest interferometer, each having its own advantages and disadvantages depending upon the
particular measurements requirements.

Schematic diagrame of the moire [16] and Priest [17] interferoneters are shown in figures 20
and 21. The interferometers are enclosed in chambers in which the temperature of circ.lating air
is controlled by a resistance heater and liquid nitrogen, and a helium neon laser is used for
illiumination. Both techniques utili:ze a change in interference tinge density to determine the
thermal strain of the specimen. A major advantage of the moire interferometer as opposed to the
P-iest interferometer is that it does not use the ends of the specimen for measurement, thus
e'iminating end effects and allowing for a combination of mechanical and thermal loading. The
miire technique also provides full-field displacement information permitting the determination of
nun-homogeneous strain fields. The major disadvantage of the moire technique currently used is
that measurements cannot be made below -75°C due to embrittlement of the silicone rubber used for
the specimen grating. Alternate grating materials are being investigated to extend the measurement
capability to -150°C. Measurements can be made over the full temperature range of interest, -150°C
to 150°C, with the Priest and it 6a!so provides a better theoretical resolution, approximately
4x10'6/fr1nge compared to 25x10-°/fringe for the moire. For these reasons the Priest
interferometer is preferred for normal thermal expansion measurements.

Typical thermal expansion data collected for unidirectional and quasi-isotropic T7300/5208
graphite/epoxy over a temperature range from -150°C to 100°C, are shown in figure 22. These data
show the large range of CTE values that can be obtained in composites depending on the laminate
configuration. As can be seen unidirectional T300/5208 provides a very small CTE, -0.13 to




0.17x10-%/°C, over the entire temperature range. The expansion behavior of these laninates fis
expected to bound the behavior of the laminates chosen for space structures. This type of data for
different graphite fibers and resins is essential for verification of analyses used for tailoring
laminates to achieve required stiffness and low CTE.

The Effects of Microcracks

Microcracks are sinall cracks in the matrix matertal which extend parallel to the fiber
direction. They occur when the internal stresses exceed the transverse strength of an individual
lamina. The two primary causes of microcracking are thermal stresses due to repeated thermal
cycling and mechanical lecading. A limited amount of research has been conducted concerning the
causes and effects of microcracking in composites. Repeated thermal cycling has been shown to
cause microcracking in graphite/epoxy laminates thereby causing the CTL to approach that of the CTE
for the unidirectional material [18]. Research has also shown that residual strains, due to
micrscrgck%ng. of up to 20x10-%® may develop in graphite/epoxy during the first cooling cycle to
-140°C T191.

An experimental and analytical investigation is being conducted to gquantitatively correlate the
change in CTL with microcrack density. Microcracks were induced in the lamirates by mechanical
load because the amount of damage could be easily controlled and characterized. Specimens from two
quasi-isotropic T300/5208 1laminate configurations were loaded to produce varying amounts of
microcracking in plies perpendicular to the load direction. The amount of microcracking was
characterized by computing an average crack density in the damaged plies. The average CTE, over
the temperature range 25 to 150°C, for the various specimens was measured using the moire
interferometry technique. A photomicrograph of a microcracking pattern along the edge of a
quasi-isotropic specimen is shown in figure 23. The effect of this type of damage on the thermal
expansion is shown in figure 24. MicrocCracking reduces the thermal strain for a given change in
temperature thus lowering the CTE.

The effect of microcracks on the CTE was modelled with a finite-clement analysis. A
generalized plane strain formulation was wused with four noded, linear general guadralateral
isoparametric elements, capable of handling orthotropic material properties. The finite-element
computer code [20] was modified for the current study. Numerical results were generated
for both the [0y/90p]s (m, n = 1, 2, 3) class of laminates and two quasi-isotropic
configurations, [0/145/9815 and [0/90/+45]g, using typical material properties for T7300/5203.
Results are presented in the form of CTE as a function of linear crack density in the 900 plies
which was varied from 0 to 3 cracks/mm. The value of 3 cracks/mm was found to be an upper limit on
the crack density formed in these materials during the experimental phase nf this research. The
results presented are preliminary in nature and represent the efforts of an ongoing research
project.

The analytical results for the [0,/90,1¢ family of Yaminates are shown in figure 25. As
would be expected the laminate configuration with the largest percentage of 900 plies experiences
the largest reduction in CTE. The CTE at 3 cracks/mm for the three laminates, [0/903]¢,
[02/902);, and [03/90]g, are reduced by approximately 90, 65, an¢ 4C percent,
respectively. For all of these laminates, the CTE yas reduced in a direction towards the value of
the CTE for the unidirectional material, -0.1x10-°/0C, and approached a stabiiized value after
app-oximately 2 cracks/mm.

Anaiytical results for the quasi-isotropic laminates were compared with experimental data as
shown in figure 26. Experimental results are normalized with respect to the average CTE values of
the uncracked [0/+45/90); and [0/90/+45]s laminates. The experimental and predicted values
both show the same trends, however, the analysis consistently underpredicts the eftect, especially
for the [0/90/+45]¢ laminate. A possible explanation for this discrepancy is that not all of the
damage present in the specimens was accounted for in the analysis. At very low crack densities,
some of the microcracks could have been missed in the visual inspection. Also, some specimens
contained visible microcracks in the adjacent 450 plies. This occurred in specimens that were
loaded to a large percentage of their ultimate stength. Both of these factors would contribute to
the underprediction when not included in the analysis.

In general, these two laminates show the same trends as the [0p/90p)s family of
laminates. The [0/:45/90]5 laminate exhibited a larger reduction tn CTE than the [0/90/+45]¢
for the same crack density. The reason for this is that the 90° ply in the [0/+45/90]¢ laminate
is constrained by an uncracked ply on one side, and another cracked 90° ply on the other side. The
90° plies in the [0/90/+45]¢ laminates are separated and therefore each 90° ply is constrained by
two uncracked plies. This added constraint reduces the magnitude of the overall effect on the
CTE. This demonstrates that the effect on CTE is not only a function of the amount of 90° plies,
as demonstrated for the [0,/90,]s family of laminates, but is also a function of the
constraint on the 90° plies (i.e. stacking sequence}.

Classical laminated plate theory can also be used to predict the effect of microcracks on the
CTE by appropriate reductfon of the transverse stiffness of the cracked ply [21]. This method is
being applied to predict the effect on the CTE of cracks in more than one direction, as in the case
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Tests to determine the thermal cycling response of graphite/epoxy are currently in progress.
However, earlier tests on graphite/polyimide (C6000/PMR15) have also been conducted to determine
the effect of thermal cycling on residual mechanical properties [22]. Specimens were cycled 150
and 500 times between -156°C and 316°C. Residual mechanical properties were then measured at both
room temnperature and 316°C. Thermal cycling did induce microcracks in the specimens. The amount
of microcracking was about the same after 150 and 500 cycles, although the size of the microcracks
was larger after 500 cycles and extended into adjacent plies, as shown in figure 27. Figure 28
shows the results of the interlaminar shear and flexure residual strength tests. In general,
thermal cycling had a larger effect on the interlaminar shear strength than the flexure strength,
with a reduction of as much as 40% for the quasi-isotropic laminate. This was as expected because
the interlaminar shear strength is matrix dominated, and microcracks tend to reduce the matrix
strength.

Improved Polymer Matrix Composites

Research opportunities to enhance the potential of polymeric materials for large space
structures include the development of tougher matrix resins. Current graphite/epoxy composites
appear to meet stiffness, CTE, and weight requirements, but the brittle nature of epoxies makes
them suspect for long life missions. Resistance to microcracking from thermal cycling and
radiation induced embrittlement is of primary concern. Other resin systems such as thermoplastics
and modified thermosets would appear to have excellent potential to improve composite toughness.
One approach in new resin development 1is shown in figure 29, where a flexible linkage and
thermoplastic properties have been incorporated into a normally brittle polyimide system. Research
concerning the dimensional stability aspects of these new resins is just beginning. This type of
research should provide guidance in the synthesis of new polymer resins having the potential of
‘ong-time structural stability in the space environment.

Improved Tension Stabilized Cable Materials

Lightweight deployable cables are currently being used in certain antenna designs to shape the
mesh reflector surfaces, and are being considered for the same purpose on the Hoop-Column Antenna
Concept [23] under study by NASA. Current cables are made of quartz fibers because quartz has a
Tow thermal expansion, is inherently stable in the space environment, and can be made in small
diameter fibers. A typical cable, approximately 450 um in diameter, is composed of approximately
2000 individual quartz fibers, 9 um in diameter, held together by a Teflon cross wrap. One of the
problems with this type of construction is that it is very difficult to get all of the fibers
aligned and keep them aligned during handling and storage of the cables with the result that a
small (60 «x 10“’) but significant residual strain is produced in the cable when subjected to
repeated load or thermal cycles. Also, considerable variability is observed in this reisudal
strain making it difficult to accurately bias this out during fabrication when the precise length
of each cable is determined.

The results of a recent program conducted by Harris Corporation [23], under NASA contract, to
develop an improved cable are summarized in figure 30. Two major improvements were made which sig-
ni‘icantly advanced space cable technology. Unidirectional composites were made by impregrating
th: bare fibers with Teflon while holding the fibers straight under tension to achieve a better
al gnment of fibers and minimize the amount of twist in the fiber along the cable. This resulted
in 2 substantial increase in the relative stiffness of the cable and reduction in residual strain
after repeated thermal/mechanical cycling. Further improvements were achieved by using graphite
fibers in place of the quartz fibers.

Summary and Future Directions

Research to date has concentrated on an understanding of the factors which influence the dimen-
sional stability of currently avaflable graphite/resin composite systems. Research remaining to be
done includes further work on the effect of thermal cycifng and radiation on the dimensional
stability of graphite/resin composites, both experimentally and analytically. These factors must
also be assessed for tougher resin/matrix composites that are Tess susceptible to microcracking,
and hybirds designed to have near zero CTE's. The potential of metal/matrix composites for
dimensional stability applications appears promising and future plans should include assessing
their performance in the space environment. Successful application of composites for dimensionally
stable structural members requires manufacturing techniques capable of producing precision members
with very little material variability. Therefore, the effect of processing variables such as
voids, resin content, cure cycle, etc. have an important role in dimensional stability and are also
included in future research plans.

THERMAL CONTROL COATINGS

The basic requirement for thermal control coatings is to keep spacecraft components within
allowable temperature limits. Thermal designers have two major problems: one where the
temperature limit is dictated only by the solar heat input, for example, large area structures, and
the second where both solar and internal heat are thermal inputs, for example, a manned habitat.
In each case a coating with a different ratio of solar absorptance to thermal emittance is
required. In table 2 the coating requirements for a composite structure in GEO are compared to the
requirements for a manned habitat in LEO. The major differences are: (1) low emittance coatings
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are required for the composite structure to reduce the extent of cool-down during a solar occult,
(2) coating to be used in GEO must be able to withstand high energy electrons and protons in
addition to UV, and (3) a higher electrical conductivity is required in GED to eliminate spacecraft
charging. Contamination would be a major source of coating performance degradation for the manned
habitat because of the shuttle. However, repair or refurbishment of coatings can be considered for
this application but not for GED missions.

Table 3 summarizes some of the existing and previously used radiator thermal control coating
r2terials and identifies the major problem with each of these materials. The table also points out
that no low emittance paint-type coatings are available for use on large space structural
components. Secause of the weight penalty associated with use of this type coating on small thin
qauge tubular structural elements, organic matrix white paint coatings would not likely be
considered. New coating concepts which are easily adapted to any structural configuration and have
good long-term durability in the radiation (ionized particle and UV) environment most be developed.

Some of the best available long-time data on coating performance in space flight are shown in
figure 31. These data are from an Air Force flight experiment [24] conducted in a polar orbit.
The interesting part of this figure is that the 3 white paints exhibit a substantial increase
{130%) in solar absorptance in 5 years and all three have about the same degradation rate. The
second-surface mirror type coatings, which do not have pigments, also are grouped together in
degradation but exhibit a much lower degradation of only 40% and remained stable over long
periods. Because most of this degradation occurred in the first 2 or 3 months of flight,
contamination is suspected as a primary source of degradation for these nonpigmented coatings.

High Performance Polymer Films

Recent developments of high performance polymer films are particularly noteworthy for thermal
control coating applications. From a study of structure/property relationships, a colorless
polyimide, figure 32, has been developed [25] which may be used as a replacement for FEP Teflon on
second-surface mirror type thermal control coatings. Polyimides are inherently more radiation
stable, because of their highly aromatic structure, than FEP Teflon and therefore should give
longer service in GEO type orbits where high doses of electrons and protons will be encountered. A
clear polyimide could also be considered as a replacement for Kapton in such applications as
thermal control blankets. A low solar absorptance cannot be achieved with Kapton because of its
coloration. By replacing Kapton with the clear polyimide, a lower solar absorptance could be
obtained and thus less heat input into these blankets.

Another development in high performance polymer films [26], with potential applications for
coatings, is shown in figure 33. By 1incorporating metals into polymers, the mechanical and
electrical properties of films are significantly improved. Figure 33 illustrates the magnitude of
improvements which were ob-erved in the adhesive strength and electrical conductivity of films.
Improvements in the thermal .onductivity have also been noted. The improved electrical conductiv-
ity however may be their most important property particularly when used as thermal control coatings
because of their ability to dissipate static electrical charges. Many other applications for these
materials may exist depending on their color and radiation stability.

LDEF Flight Experiment

In addition to development of new coating concepts, Langley has also maintained a continuing
role in both ground testing and development of flight tests of coatings. Specialized equipment
developed and used for the laboratory evaluation of coatings fs shown in figure 34. This equipment
provides for W and proton exposure of thermal control coatings and allows for optical property
evaluation of these materials without removal from the vacuum system. To verify the ground based
test of coating performance, the Long Duration Exposure Facility (LDEF) {s being used. This flight
is outlined in figures 35, 36, and table 4. The objectives of LDEF are to determine the effects of
both the shuttle induced environments and the space radiation environment on selected sets of
spacecraft thermal control coatings. The experimental approach is to passively expose samples of
thermal control coatings to shuttle finduced and space radiation environments, return the samples
for post-flight evaluation and compare with pre-flight measurements to determine the effects of
environmental exposure. Two additional sets of samples will remain in the laboratory and will be
analyzed for comparison with the flight data. Optical measurements of the sampies will include
total normal emittance and spectral reflectance. The experiment will use a 15.2 cm deep tray and
an Experiment Exposure Control Canister (EECC) to provide protection for some of the samples
against the launch and reentry environment. The EECC will be programmed to open about 2 weeks
after LDEF deployment and close prior to LDEF shuttle retrieval.

Some samples will not be housed in the EECC and will be exposed to the shuttle-induced environ-
ment. during launch and reentry. Comparison of data from these samples with that of samples in the
EFCC will yield information about possible contamination induced degradation effects. The thermal
control coatings that are being considered for this experiment are listed table 4.

CONCLUDING REMARKS

Polymer matrix composite materiais i!1 be used for future space structures because of their
excellent properties. This paper has presented results from an investigaton of the effects of
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these space structures. Data were obtained in this investigation on graphite reinforcea
composites, cables and thermal control coatings. Test results suggest that currently
available composites will not undergo significant mechanical property changes for 20-30 years of
service in space. No significant degradation has been observed in residual strength of composites
upon laboratory exposure to electron radiation doses to 5 x 109 rads (equivalent to 30 years
exposure in GEQ). However, results to date are preliminary and were obtafned using high dose rates
(30-60 hours of test to simulate for 30 yrs. exposure). Longer-term, low-dose rate tests which are
more representative of the conditions expected in space need to be conducted to determine if dose
rate effects are significant. These tests are underway.

Extensive chemical characterization of polymer films exposed to radiation doses expected in
space have shown that radiation does produce significant chemical changes. Degradation mechanisms
have been established for a polysulfone and similar studies are ongoing on a number of other
polymers. The point at which mechanical property changes appear has yet to be established.
Radiation degradation models currently under development are expected to afd in understanding how
radiation damage occurs in polymers and how chemical and mechanical properties are changed.

Thermal expansiun measurements of composites are difficult because of the orthotropic nature
of composites and because of their low coefficient of thermal expansion. To make precision strain
neasurements of composites, two laser interferometer techniques werc developed. The effect of
mechanically induced microcracks on the CTE was determined experimentally and an analysis was
formulated to predict the observed changes. Results showed that microcracks reduce the CTE towards
the value for the unidirectional material, and the reduction is a function of both the crack
density and laminate configuration. Tests on graphite/polyimide have shown that thermal cycling
induces microcracks and reduces matrix sensitive mechanical properties. Research in the area of
improved cable materials has resulted in the development of a Teflon impregnated graphite cable
with a higher stiffness, lower CTE, and greatly reduced residual strain than the conventional
quartz cable.

An assessment of current thermal control coatings indicates that they will not meet the
thermal control requirements for large space structures. Existing white paint coatings are heavy
and undergo significant degradation in optical properties in 5 years of space exposure. Langley is
working new advanced-coatings concepts including unique particulate and UV radiation stable polymer
films which may be suitable for thermal control coatings and blankets. The development of a clear
polyimide ani high conductivity polymer films offer good potential for deveioping improved
coatings. The planned coating experiment on LDEF will provide useful data for evaluating shuttle
contamination of coatings and for verification of ground based simulation tests.

Confidence in advanced composites technology is being developed to the extent that designers
of current spacecraft are making extensive use of composites for selected space hardware
components. Composites will be used to an even larger extent in tuture large space systems as
additional confidence is gained in their long-term durability in space.
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Table 1.

Summary of important
with each parameter.

space environmental parameters and materials uncertainty associated

ENVIRONMENTAL NOMINAL RANGE REASON FOR INTEREST
PARAMETER OF PARAMETER IN PARAMETER
VACUUM PRESSURE 1071 - 1071%Pa | VACUUM OUTGASSING RESULTS IN
LOSS OF MOISTURE AND SOLVENTS
RESULTING IN DIMENSIONAL AND
MECHANICAL PROPERTY CHANGES
ULTRAVIOLET | WAVELENGTH 0.1 - 0.4um | DEGRADATION OF COATINGS
INTENSITY 1.4 Kw/m?
PROTONS ENERGY 0.1-4.0MeV | DEGRADATION OF COATINGS AND
FLUx 10% Yien? - sec | SURFACE PLIES OF COMPOSITES
ELECTRONS | ENERGY 0.1-4.0MeV | SURFACE AND BULK DAMAGE:
fLux 1% rom? - o | SPACECRAFT CHARGING
TEMPERATURE | MATERIAL TEMPERATURE | MICROCRACKING. THERMAL
CYCLING WARPING, DETERIORATION OF
80K 10 420K CRITICAL SURFACES
Table 2. Thermal control coating requirements.

OPTICAL PROPERTIES

TEMPERATURE
ENVIRONMENT

ELECT. CONDUCTHVITY

LIFETTME

COMPOSITE STRUCTURE MANNED HABITAT
GEQ LEQ

ale - SELECTIBLE ale - SELECTIBLE

WITHe < 0.3 WITHe 2 0.8

-100° 7O +80°C -100° TO +40°C

UV, e, p*. VAC. AT UV, VAC. AT

10 TO 20 YEARS

<108 (onml -cmh)

108 - 10717 (onm! - cmLy
10 YEARS
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T.ble 3. Current thermal control coatings.

RADIATOR COATINGS (LOW ABSORPTANCE, HIGH EMITTANCE)

COATING PERFORMANCE

S-13 GLO (ZnO/RTV-602)  RTV 602 DISCONTINUED, NEW SILICONE BINDER
FOR QUALIFICATION

ZOT (ZnyTi04/SILICATE) ~ ABSORBS MOISTURE, HARD TO CLEAN
Z-93 (ZnO/SILICATE) ABSORBS MOISTURE, EASILY CONTAMINATED
Al OR Ag/TEFLON LARGE AREA APPLICATION DIFFICULT

STRUCTURAL COATINGS (LOW ABSORPTANCE, LOW EMITTANCE)

NO QUALIFIED PAINT-TYPE COATINGS AVAILABLE

Table 4. Coatings in LDEF flight experiment.

TYPE COMPOSITION SUBSTRATE ust

PAINIS ZnO!SILICONE (S-13GLO) Al, Gr'ltp CONTAMINATION (C)
ADHERENCE (A)
Zn,Ti0, /SILICONE (ZOT) Al, Gr/Ep C, A
Ti02 /POLYURETHANE (A-276) Al Gr/Ep C, A

Crp03/SILICONE (EXP.) Al, GriEp LAB-CALIB-(LC), C, A
CHEM-GLAZE BLACK Al, Gritp LC, C. A
ANOD1ZE CHROMIC ACID -ae ~ 1.5 Al LC, C. A
CHROMIC ACID - ale ~ 0.5 Al IC. C. A
SECOND-SURFACE  QUARTZ/SILVER (Ag) (GSR! Al tc, C. A
MIRRORS TEFLON/Ag Al, GriEp LC, C. A
DIFFUSE TEFLON-Ag Al, Grilp IC. C, A
VACUUM AlAY c
DEPOSITED AU/QUARTZ c
Ai'QUARTZ C
Ni/QUARTZ C
POLISHED NICKEL [%
PLATINUM C
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Figure 1. Focal missions for advanced technology developments.
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Figure 2. High stiffness low thermal expansion space materials.
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Figure 3. Durability concerns for structural composites in space.
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Figure 8. Flexural modulus of irradiated unidirectional T300/5208 graphite/epoxy composites.
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Figure 13, Effect of electron radiation on the infrared spectra of polyethersulfone.
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Figure 19. Room-temperature decay of electron radiation generated radicals in epoxy resin.
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Figure 26. Comparison of predicted and measured changes in CTE with crack density.
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Figure 28. Effect of thermal cyciing on residual mechanical properties of graphite/poliyimide.
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Figure 30. Improved antenna tension cable materials.
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Figure 32. Development of a clear polyimide for space applications.
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SIMULATION DE L°'ENVIRONNEMENT ACOUSTIQUE D'UN LANCEUR AU
DECOLLAGE ET DE SES EFFETS VIBRATOIRES SUR LES STRUCTURES

par Dr. Alain BOURGINE

Office National d'Etudes et de Recherches Aérospatiales (ONERA)
92320 Chatillon (France)

RESUME

Au cours du lancement et du vol transsonique des fusées, des vibrations
intenses, dans une bande de fréquences large , sont transmises 2 la charge utile et
aux équipements sensibles du lanceur. Les essais de simulation en laboratoire ont
pour but de reproduire fiddlement ces phénom2nes dangereux. Mais les moyens d'essais
classiques (chambres acoustiques réverbérantes) ne permettent pas en général de
reproduire correctement les excitations du vol réel.

La méthode proposée ici consiste 3 imposer la réponse vibratoire de la
paroi du lanceur, par exemple sur la coiffe abritant le satellite. (lLes caractéris-
tiques de cette réponse sont obtenues par un calcul prévisionnel préalable). On
utilise pour cela un petit nombre d'excitateurs électrodynamiques agissant 2 la
paroi ; les N forces aléatoires appliquées sont obtenues par synthdse numérique sur
ordinateur. La simulation correcte est réalisée lorsque les réponses vibratoires
mesurées en N points ont des caractéristiques statistiques vcisines de celles du
vol. Le champ acoustique dans la cavité et les vibrations transmises 2 la charge
utile sont alors également trés proches des conditions de vo!. Des excmples d'appli-
cation 2 des structures réelles, en particulier sur la coiffc de la fusée Ariane,
sont présentés.

SIMULATION UF THE ACOUSTIC ENVIRONMENT OF A LAUNCHER
AND OF THE NOISE-INDUCED VIBRATIONS ON ITS STRUCTURES

SUMMARY

During the launching and transonic flight of a launcher, high level and
wide-band frequency vibrations are transmitted to the payload and equipments.
Preliminary simulation tests are planned to reproduce these dangerous phenomena.
But, generally speaking, classical test facilities (reverberant acoustic chambers)
do not provide simultaneously the true space and time distribution of the flight
pressure fluctuations.

The method described in the paper consists in forcing the vibratory
response of the launcher wall, for instance at the shroud which shelters the
satellite. (Statistical characteristics of this response are known by a previous
analytical prediction). Forced vibrations are produced by using a few number of
electrodynamic shakers acting on the wall ; the N random forces are simulteneously
synthesized on a digital computer. The proper simulation is realized when measured
responses at N points exhibit spectral distributions and overall RMS levels very
close to the predicted flight values. Then, the noise level inside the shroud and
the vibrations transmitted to the payload are also very close to the flight
conditions. Some examples of applications to realistic structures, as the shroud
of the Ariane vehicle, are presented.
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T - ORIGINE DU PROBLEME

Le bruit émis par les jets des moteurs d'une fusée au décolliage est considéré en gé 4ral comme
la principale source de vibrations des structures et des matériels embarqués. En raison du niveau élevé et
de la large bande de fréquences de cette émission acoustique, les vibrations aléatoires induites peuvent
atteindre une intensité considérable susceptible d'entrainer des ruptures locales sur certaines parties
vxposées de la structure, ou des défaillances graves dans le fonctiounement de certains équipements. On est
donc amené, classiquement, A entreprendre des essais partiels en environnement acoustique ou sur pots
vibrants, en vue de contrdler, en laboratoire, 2 un stade suffisamment précoce du développement du projet,
que les vibrations du vol ne risquent pas de faire échouer la mission.

Mais la définition des moyens d'essais de simulation vraiment représentatifs, ainsi que celle
des spécifications précises de l'expérimentation, souldvent des difficultés importantes, pour plusicurs rai-
sons principales

1.1 - Connaissance de 1'environnement de vel. L'exemple du lanceur ARTANE

L'environnement de vol réel est lui-méme en général mal connu : l'expérience acquise dans des
lancements antérieurs et les ¢tudes de basce sur le bruit des jets permettent souvent d'obtenir des estima-
tions "raiscnnables' du niveau global et du spectre des fréquences émiscs, mais la géométrie du champ
acoustique dans lequel est plongé le lanceur est en pénéral ignorée. En outre, l'cnsemble de ces caracté-
ristiques du bruit évolue de bas en haut du lanceur, ainsi qu'er fonction de 1'altitude de celui-ci par
rapport au pas dc¢ tir. Enfin, dans la phase initiale du lancement, les interactions des jets des moteurs
aves le 5ol et les structures du pas de tir peuvent influencer fortement ces caractéristiques, surtout 2
l'arridre de la fusée.

lne étude assez détaillée de cces différents facteurs a ¢t faite par 1’ONERA, dans le cadre
du dSveloppenient du lanceur ARIANE c1], 2 1'aide de deux maquettes 3 échelle réduite (1/20 et 1/10) de la
fusée ot de son pas de tir. Ces maquettes Staient munies de moteurs uytilisant les mfmes propersols
(Nl Uy - UDMH ) ct prisentant les mémes caractéristiques de fonctionnement .rapport de mélange, pression
de combuition et rapport de détente) que les motours réels. La bonne concordance des résultats obtenus aux
Schelles 1/20 et /10 (fig.1) a permis d'extrapoler 3 1'¢chelle grandeur les niveaux ot specties cbtenus,
avant de pouvoir contrdler cette prévision lors des premiers lancements du véhicule réel la figure 2 four-
nit des indications globales sur les niveaux de bruit, en fonction de 1'altitude, 3 l'arridre, au milieu
et ) !'avant du lanceur. Le spectre du bruit maximum, au cours du d€coltage, 3 la parol de la coiffe proté-
geant 1a charge utile est présenté figure 3. Enfin, une dftude plus fine des caractéristiques spatiales du
champ acoustique mesurée 2 la paroi du lanceur a permis de localiser los principales s urces acoustiques
dans certaines régions des carncaux, ces régions se déplacant légdéremert en fonction de 1'altitude (fig.s).
Il résulte de ces caractéristiques qu'il est possible de construire un moddle simplifid de !'enviroanement
acoustique du lanceur @ en particulier, au voisinage de la coiffe abritaint le satellite, donc 2 une distance
asscz grande des sources principales, le bruit se propage par ondes plaves v dircection et d'inteasitd
connues gvec une précision suffisante pour effectucr des calculs prévisionnels de la réponce vibratoire de
la coarffe,

Si 1'on revient maintenant A la définition d'un essai de simulation en laboratoirv, sur cotte
partie de la structure, la reproduction du phénomene réel exigerait man:{estement un tunnel A3 ondes propres-
sives Jde grandes dimensions, avec un niveau d'excitation considérable (1438dB). A Jifaut d'une telle instui-
T1tion, des tests effectués dans une chambre acoustique réverbérante demweurent possibles, mais ne simulent
pas le phénomene récl du vol. Dans tous lus cas, le niveau de bruit A créer au voisinage de spécimens trds
volumineux est voisin des limites des possibilités des installations existantes. La construction de nou-
veaux moycns d'essai de ce type, de trés grandes dimensions et de performances plus élevées -donc d'un cdit
également tr2s élevé- ne peut donc dans ce cas étre justifide par une m-illeurc garantie de représentativits
des essais de simulation.

Pour termirer avec les probldmes 1iés 2 la connaissance dv l'environnement de vol . il convient
encore d'attirer l'attention sur les dangers de certains raisonnements simples, non appuyés sur 1'expérience,
pour l'estimation des niveaux de bruit intéressant les structures du lanceur.

Une illustration de ce point est fournie ici & nouveau par l'expérimentation au 1/20 de la
fusée Ariane dans la version od le premier étage du lanceur est muni de deux propulseurs 2 poudre latéraux
destinés A fournir un complément de poussée au décollage (fig.5). Les risultats obtenus montrent, comme il
fallait s'y attendre, une augmentation sensible du bruit, variable en fonction de l'altitude, sur la partie
arridre du premier étage ( +3 2 + 10dB ). Par cortre, la croissance ~bservée au niveau de la coiffe est
extrémement modérée (environ +1dB) au maximum au cours du lancemecnt ; dans les premidres secondes suivant
le décollage, le niveau baissc méme dans cette région d'une manidre trds notable (-11 3 -12dB), ce qui est
encore plus surprenant au premier abord. Mais, l'analyse de la localisation des sources acoustiques indique
alors clairement que la mise 2 feu des propulscurs d'appoint 2 basse altitude modifie la position moyenne
de ces sourcrs dans les carneaux (elles s'&loignent de 1'axe au lanceur) et les étale dans 1'espace, ce qui
en diminue “onc 1'influence 2 grande distance. Les interactions des jets entre cux et avec les infrastruc-
tures du pas de tir, qui sont probablement 2 1'origine de cet effet global, jouent donc ici un rdle tr2s
favorabl: qui permet de ne pas pénaliser les tests de qualification des structures et équipements au voisi-
nage de la charge utile.

Ces quelques indications sommaires permettent de caractériser une premidre difficulté dans
1'exécution de simulations vibratoires réalistes : 1'environnement de vol réel deit &tre connu avec une
marge d'incertitude aussi faible que possible. De ce point de vue, des vssais accustiques préalables, 2
échelle réduite, fournissent un cadrage tout 2 fait indispensable du probléme réel.
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1.2 - Réponse vibratoire de 1'enveloppe du lanceur

On admet en général que 1'énergie vibratoire transmise 3 la charge utile au cours du lancement
provient principalement de 1'environnement acoustique de la coiffe. La réponse vibratoire de la paroi de
celle-ci est donc 2 1'origine du bruit qui regne dans la cavité interne et qui, 2 son tour, est une source
d'excitations des sous-structures qu'elle contient. Or, le comportement vibratoire de 1'enveloppe de la
coiffe, sous l'influence du bruit au décollage, n'est pas seulement déterminé par la distribution spectrale
de 1'énergie de 1'excitation (ou son intensité en chaque point, dans une bande de fréquences donnée) mais
également par la distribution de la phase de cette excitation en tous les points de la paroi. Dans le cas
du lauceur Ariane, nous avons montré ci-dessus que l'excitation de la coiffe pouvait &tre schématisée en
premidre approximation par une propagation d'énergie acoustique par ondec planes : sur une génératrice de la
coiffe, on a alors une évolution linéaire de la phase avec la distance, pour une fréquence d'excitation don-
née. Comme cette propriété joue un rdle important dans la réponse vibratoire de !'enveloppe, il est alors
certain qu'un essai en simulation qui ne respectersit pas la condition supplémentaire sur la phase de 1'exci-
tation ne serait pas représentatif : un test réalisé en champ diffus, par exemple, ne conviendrait pas.

D'un point de vue pratique, toutefois, un essai de ce type pourrait &tre acceptable si 1'on était en mesure
de prouver qu'il présente une "sévérité au moins quivalente” pour le spérimen. En général, rien ne permet
de garantir ce résultat, et la difficulté du probldme reste entildre.

11 ressort de cette rapide analyse des conditions A satisfaire pour exécuter une simulation
réaliste des phénomdnes acoustiques et vibratoires rencontrés au cours du lancement d'une fusée, que le seul
dispositif expérimental convenable semble &tre... le lancement réel lui-uime. C'est pour essayer de sortir
de cette impasse que 1'ONERA a proposé une approche nouvelle des essais de simulation conduisant 2 une mé-
thode expérimentale originale dont le développement est en cours.

II - UNE APPROCHE NOUVELLE DU PROBLEME : PREVISION ET SIMULATION

Dans les essais de simulation "classiques”, on s'efforce de reproduire en laboratoire un envi-
ronnement acoustique, supposé bien connu, autour du spécimen destiné 2 subir des vibrations. Dans le cas
d'une coiffe, par exemple, la mise en vibration des parois s'accompagne d'une transmission d'énergie 2 1'in-
térieur, vers la charge utile, par voie solide et par voie acoustique. Si l'on regarde maintenant le problame
uniquement sous 1'aspect de cette transmission d'énergie, on peut considérer que "1'entrée’ du systdme est
un champ de vibrations de l'enveloppe, en ignorant provisoirement la mani2re dont ce champ vibratoire a pu
8tre créé par des sollicitations externes. En particulier, si l'on se donue les caractéristiques de ces
vibrations de la paroi en un nombre N fini, de points, on pourra toujours imaginer une configuration
d'excitation externe, également concentrée en N points, reproduisant exactement ces mémes caractéristiques
vibratoires 2 la paroi aux points d'observation choisis. Selon ce raisonnement, on est donc conduit 2 substi-
tuer au champ acoustique externe, agissant en tout point de la structure, une répartition discrdte de N for-
ces alfatorres dont les effets vibratoires, également obscrvés en N points, doivent 8tre identiques A ce
qu'ils scraient sous l'action au champ acoustique. Ceci nous conduit 3 une approche différente du probléme
Jde la sinulation, qui est maintenant fondéc sur la reproduction d'un champ de vibrations 2 la paroi de la
structure, et non plus sur la reproduction difficile d'un environnement acoustique complexe.

Cette conception souldve toutefois deux questions préalables

a) 1o champ vibratoire pariétal de la structure n'étant pas connu a priori, comment le consi-
dérer comme une "donnée’ de 1'essai de simulation ?

b) en supposant qu'il soit possible de reproduire fid2lement les vibrations de la paroi en
N points discrets, n'est-il pas nécessaire d'augmenter N indéfiniment pour obtenir une simulation réaliste ?

I1.1 ~ Prévision et simulation

La réponse 2 la premidre question fait appel 2 un calcul de prévision des caractéristiques
statistiques des vibrations de la paroi de la structure, selon la méthode dynamique statistique (2], em-
ployée avec succes A 1'ONERA depuis quelques années. Ce calcul repose sur la formule fondamentale

| ;! Mmoo, f) dP e,
(1) 5”(m.,;) -// ‘{n,(M"”w’) SPP( e, f) ~
1.1

dans laquelleSI§f4gF) est lg densité spectrale de puissance de la réponse-accélération au point My, 2 lia
fréquence f SP (Mi, Mj, f) est la densité spectrale croisée de la pression acoustique 2 la paroi z .,

aux points Mi et Mj : ce terme complexc est connu 3 partir d'expérimentationssur maquettes 3 échelle ré&duite
telles qu'clles ont été présentées au paragraphe I . ~£.(Mi, Mj, £) est un terme de transfert structural,
désigné par "fonction de Green généralisée', qui peut &tfe obtenu expérimentalemen. de fagon simple sur le
spécimen réel ; dMi et dMj sont les éléments d'aire associés aux points courants Mi et Mj.

Pour 1'application dec cette formule, on substitue en fait aux quantités figurant dans les
deux mmbres, leurs moyennes fréquencielles sur une bande étroite, ce qui permet d'intégrer les effets des
nombreux modes de vibration qui interviennent dans le comportement "haute fréquence" de la structure. Atitre
d'illustration, on présente figure 6 les résultats comparés d'une prévision et d'un essai en chambre acous-
tique réverbérante en deux points d'un spécimen de coiffe en matériau composite. Ces résultats sont relatifs
aux densités spectrales de puissance des réponses, présentées avec des échelles linéaires. Ils peuvent 8tre

congidérés comme satisfaisants compte tenu de la connaissance approchée de l'environnement scoustique du
spécimen,

La méthode de prévision ayant &té validée par de nombreux tests dans des configurations variées
de structures et d'environnements acoustiques, il devient donc possible d'envisager de prendre les valeurs
prévisionnelles comme des données en vue d'un essai de simulation par excitations discrites. Les phases de
prévision et de simulation deviennent donc étroitement liées, et se trouvent d'ailleurs pratiquement
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imbriquées lors de 1'ecssat global sur le spécimen réel.

[[.2 - Simulation par excitations discrdtes en quelques points

Pour aboutir 3 un systd®me de simulation de dimension raisonnable, mais néanmoins ré¢aliste
quant au phénoméne 3 simuler, on doit espérer que la répartition des niveaux RMS et des spectres vibratoires
sur la structure est relativement "homogene' ou encore, 3 défaut, au moins "localement homogdne® c'est-a-
dire que l'on pourra découper la structure en quelques zones, chacune d'cvlles &tant de construction assez

3 ~ . . . . X
homogdne elle-méme pour pouvoir estimer que les réponses vibratoires en deux points appartenant 3 la méme

) zone présenteront des caractéristiques de réponse voisines. L'expérience montre que ceci est assez bien
vérifié sur des structures réelles, le choix des différentes zones 3 considérer étant d'abord du domaine

1 de "1'art de l'ingénieur". A titre d'illustration, on présente figure 7 la répartition spatiale des niveaux
de vibrations efficaces 3 la paroi de la coiffe en matériau composite, de construction hétérogene -c'est-
A-dire d'épaisseur variable suivant une génératrice~ lors d'un essal témoin exécuté dans une chambre acous-
tique rdéverbérante. Les niveaux efficaces sont reportés linéairement, suivant une unité arbitraire, sur
une génératrice et sur un paralleéle de la structure, pour une bande spectrale d'excitation d'environ
3000Mz. On peut observer que ces niveaux globaux varient trés peu d'un point 23 un autre. La distribution
spectrale de ces réponses vibratoires, visible sur la figure 8 pour 4 accélérométres répartis sur une géné-
ratrice de la coiffe, présente également la méme allure générale, sauf cn quelques puints de fréquence par-
ticuliers. Dans une telle configuration structurale, on peut donc escompter obtenir des résultats convena-
bles avec un nombre trds restreint de peints d'excitation et de mesure. Nous montrerons su paragraphe &
que ceci est c¢n effet bien vérifié avec N = 2, Pour des cas plus complexes rencontrés en pratique, il
semble trés raisonnable de réaliser des simulations avec 4 ou 6 points d'excitation seulement, au maximum.

I11 - PRINCIPE DE LA SIMULATION PAR EXCITATIONS DISCRETES

111.1 -~ Relation entrée-sortie en régime aléatoire

On considere maintenant la structure mécanique réelle commc un syst®me vibratoire linfaire
discret (figure 9) possédant N entrées (point d'application de N forces aléatoires) vt N sorties ou points
d'observation de la réponse vibratoire. En désignant par H la matrice dv transfert (N x N) de ce syst2me,
la matrice spectrale des paramdtres de réponse ?. (f) est lide 2 la matrice spectrale des forces d'exci-

tation Pee (f) par la relation classique

(2) (P - H * qb r*q-
ce

$s

ss

# ) désigne la quantité conjuguée et (T) la transposition. Les matrices spectrales ﬁ;s et frg étant

ob
de la forme (pour N = 2)

3
(3) ¢ - ' ' & - L L
[ ¥ o o s ce ” 5
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les termes diagonaux rep-4: -tent les densités spectrales de puissance de chajue paramdtre de sortie (ou
d'entrée), et les terme diagonaux les densités spectrales croisées entre ces paramltres, avec lcs

propriétés
@ $ o Y. o1 ¢ d 9, e

Dans le probl2me posé ici, la matrice spectrale de sortie P,  est supposée connue (elle résulte

‘ d'un calcul prévisionnel comme indiqué ci-dessus enll). Il s'agit donc, A partir de la connaissance de
) la matrice de transfert H (identification de la structure), d'obtenir la matrice spectrale des forces d'exci-
tation Pee (par inversion de la relation (2) ), puis d'élaborer des signaux aléatoires (e], ey...ey) dont
ec €3t la matrice spectrale (synth2se aléatoire). Ces différentes opérations d'analyse spectrale, d'identi-
ication et de synth2se aléatoire sont confides 3 un ordinateur rapide selon le schéma générai présenté

figure 10.
Dans tout ce qui suit, on conviendra de désigner par H la matrice de transfert globale de
1'ensemble "amplificateurs de puissance - excitateurs électrodynamiques -~ structure - capteurs et amplifica-

teurs de sortie'.

711.2 - Fonctions principales du dispositif de pilotage
Les opérations principales du dispositif de pilotage sont les suivantes
a) Au cours de 1'opération d'analyse, les signaux de sortie Sy, Sz... Sy sont dirigés sur des
l convertisseurs anaslogiques numériques, puis dans 1'ordinateur qui en exécute 1'analyse spectrale rapide en
des points de fréquence discrets C“ = & AF . On obtient donc une suite de matrices spectrales discr2tes
( z . Des précautions particulidres au niveau du traitement des signaux numérisés permettent d'assurer que
cﬂnque terme des matrices ﬁ;, représente la moyenne, sur la bande élémentairedf, du spectre réel continu.
} b) Au cours de l'opération de synthdse, on part d'une suite de ngtrices spectrales ¢$¢ s Egale-
: ment connues pour des valeurs discrdtes de la fréquence, et on élabore des signaux analogiques d excitation

\ ! B N . 3 I3 »
: crre de fréquence continu. Cette opération est complexe : elle utilise une triangularisation de ‘,e,

de spe
. luivge d'un calcul de transformées de Fourier inverses des termes de la matrice trisngulaire, puis d'une
[ combinaison de ces &chantillons temporels aprds pondération par une fenétre temporelle coanvenable.




Le détail des caractéristiques de ce traitement est fourni dans 3] .

c) L'opération d'identification utilise la relation (2) sous une forme particuliére, qui ‘
s'écrit

(2bis) \f;((:) E '}'{;(f) Ye,(F)

ob Mg et Mg représentent maintenant les vecteurs 2 N2 composantes constitués A partir des matrices
spectralesPgg et Po.. Pour N = 2, on a

) ) "
Ws(‘) : s

et une forme analogue pour H;(f). La matrice 36 est alors du type (N = 2)
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Dans 1'opération d'identification, c'est cette matrice globale, constituée de produits de
fonctions de transfert élémentaires, qui est déterminée par voie expérimentale. Pour cela, le systdme de
pilotage synthétise succesivement quatre configurations de quatre signaux d'excitation indépendants (soit
4 vecteurs Y, indépendants) qui sont envoyés sur la structure. L'analyse spectrale des réponses conduit
ensuite aux 4 vecteurs réponse 4, A partir desquels on peut déduire les termes de (£) (ou, plus exacte-
ment, les moyennes de ces termes sur chaque bande de fréquence élémentaire). Des précautions particulidres
doivent 8tre observées au cours de cette opération d'identification de} : en effet, si on se donne Y (f)
(ou la matrice spectrale ¢;5 qui est équivalente), on peut inverser l'expression (2bis) pour déterminer

Y. (£), puis la matrice spectrale d'entrée P, (f), qui doit vérifier les propriété (4) pour &tre physi-
quement admissible (c'est-2-dire permettre dec synthétiser effectivement des signaux de commande). Le con-
ditionnement correct de la matrice "expérimentale" € constitue une des difficultés principales du prable-
me de la simulation par excitations discrtes.

(h)

L
l l4l’[ "

IIT.3 - Configuration du syst2me de pilotage

La configuration actuelle du systdme informatique est présentée figure 11. Elle repose sur
1'association d'un mini-ordinateur HP 21 MXE et d'un calculateur paralldle FPS - AP 120B. A l'entrée,
4 voies de filtres anti-repliement, d'échantillonneurs-bloqueurs et de convertisseurs analogiques numéri-
ques permertent l'acquisition des données 2 cadence élevée. Le traitement complet des signaux est effectué
en temps réel Jans une bande spectrale de 5000Hz sur chaque voie. En sortie, & voies de conditionnement et
de conversion numérique-analogique sont disponibles pour délivrer les signaux d'excitation désirés.

Actuellement, le syst2me est opérationnel dans une version probatuire 3 deux voies. L'exten-
sion en cours portera sa capacité 3 quatre voies.

IV - APPLICATION A DES PROBLEMES DE SIMULATION SUR STRUCTURES REELLES - TRANSPARENCE ACOUSTIQUE

Dans une version protctype monovoie, le systime de pilotage a pu étre testé en 1979 sur la
ceiffe de la fusée Ariane {47, ~algr’ les insuffisances de cette premi2re réslisation, des résultats trds
encourageants avaient pu &tre obtenus dans la tentative de reproduction des spectrcs et des niveaux vibra-
t ires A la paroi de la coiffe, pour la phase de décollage du lanceur. Unc estimation raisonnable du bruit
duns la cavité avait alors été obtenue par mesure directe A l'intérieur de la coiffe au cours de 1'essai
de simulation.

Depuis lors, un certain nombre de progrds ont pu &tre accomplis dans le traitement et la syn-
thése des signaux, aboutissant 3 un nouveau syst2me 2 deux voies dont les performances ont pu &tre testées
sur une structure-coiffe en matériau composite.

Pour cela, la structure a d'abord été placée dans une chambre acoustique réverbérante et sou-
mise au bruit ambiant. Des mesures nombreusecs d'accélérations pariétales et de bruit interne ont été exécu-
tées. Comme il a été indiqué précédemment, les résultats de 1’'analyse spectrasle des vibrations de la paroi
ont pu &tre confrontés d'une manidre satisfaisante aux prévisions effectuées par ailleurs.

Les essais de pilotage destinés 3 simuler cet essai acoustique de référence ont ensuite été
entrepris. Deux points de mesure utilisés lors de 1'essai acoustique ont été A nouveau choisis pour y repro-
duire les mBmes spectres vibratoires. On a pu ovserver expérimentalement que les résultats les meilleurs
étaient obtenus, en simulation, lorsque les points d'application de chaque force étaient relativement pro-
ches des points de mesure choisis. Bien entendu, ces points étaient assez distants entre eux pour assurer
une répartition plus homogdne des vibrations engendrées par le systdme. '
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On présente ici les résultsts obtenus dans deux configurations d'implantation des excitateurs
et des points de mesure. Dans chaque cas, on désigne par "consignes" les spectres vibratoires 2 reproduire.
Les figures 12 et 15 montrent que le systdme de simulation impose les forces convenables pour reproduire
les spectres de sortie désirés. En d'autres points du spécimen, comme il est normal, la simulation 2 deux
voies ne reproduit pas exactement la méme distribution spectrale de réponse que l'essai acoustique de réfé-
rence (figures13 et 16). Seule 1'allure générale du spectre est conservée.

On présente enfin, figuresl4 et 17 1l'analyse spectrale du bruit dans la cavité, c'est-3-dire
le niveau d'excitation affectant la charge utile ou les équipements. On peut observer que la simulation
reproduit encore assez correctement le phénomdne réel. Ces résultats seraient toutefois certainement amé-
liorés avec le dispositif de pilotage 2 4 voies dont le développement est en cours. Considérée globalement
la méthode proposée semble donc adaptée 3 la résolution pratique du probleme de la simulation et de 1'étude de
la transparence acoustique des structures spatiales.

vV - CONCLUSION

Les difficultés rencontrées pour reproduire, en laboratoire, en vue de sa simulation, 1'envi-
ronnement acoustique complexe d'un lanceur spatial au décollage, a conduit A rechercher une approche origi-
nale du probl2me. A 1'aide d'un petit nombre de forces ponctuelles agissant 2 la paroi, et dont les signaux
sont obtenus par synth2se numérique sur ordinateur, on s'efforce de reproduire assez fidelement la distri-
bution spectrale de la réponse au champ acoustique externe réel. Un calcul prévisionnel préalable est néces-
saire pour obtenir, en quelques points, une estimation correcte de ce spectre vibratoire. L'expérience
montre qu'avec un nombre limité de points d'excitation et de mesure, une simulation réaliste des vibratioms
et du bruit transmis peut &tre obtenue.
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SUMMARY

The electrostatic charging and discharging of different thicknesses of Kapton when irradiated in
vacuum with mono-energetic electrons of 5 to 30 keV energy has been studied at different temperatures.
The leakage currents and rates of discharging always increased with the incident electron energy and flux,
~hereas the surface voltage showed a more complex behaviour, exhibiting a maximum and then falling at
higher energies for the thinner films. The surface voltage, the rate of discharging, the peak current,
and the total charge flow during a discharge were enhanced as the temperature was decreased from +70 C to
-180°C. The results are discussed in terms of the resistivity of the polymer and the secondary emission
of electrons, and they demonstrate that very thin Kapton films are markedly less susceptible to
electrostatic charging and discharging.

The electrostatic behaviour of Kapton when it is incorporated into a laminated material, or when used
as an insulator for an electric heater pad, or in the form of a substrate for a flexible solar array is
also described. In addition, data are presented which demonstrate the performance of thermal control
paints (Chemglaze A276 and L300), aluminised PTFE, and solar cell cover glasses under similar conditions.

1. INTRODUCTION

Kapton film is widely used on geostationary satellites as the outer layer of passive thermal control
systems, and as a substrate for flexible solar arrays. Since the exposed dielectric can be of large area,
is relatively thin, and usually has a conductive backing, large capacitances exist, which under the
conditions prevailing in geosynchronous orbit and in the absence of sunlight, can become electrostatically
charged during geomagnetic substorms and result in arc discharges. These may physically damage the
polymer and its substrate, and the associated electromagnetic radiation can cause serious commurication
and telemetry problems.

Many aspects of the charging and discharging of various dielectrics have been reported(l), but there
is a sparsity of data obtained by varying a wide range of irradiation parameters under identical
experimental conditions. Such data has been obtained for Kapton as part of a materials characterisation
programme, and since very few observations exist of the effect of temperature on the surface voltage and
discharging activity of Kapton, this parameter has been studied in some detail.

In spacecraft Kapton is employed in several different configurations which may modify its
electrostatic behaviour. Thus, it can be laminated with aluminium, or it may be used with a conductive
coating applied to its exposed surface. Electric heaters usnd on wave guides and batteries are embedded
between two layers of Kapton, and under some circumstances these units may be exposed to the ambient
electron flux. When employed as a substrate for a flexible solar artay(‘ the Kapton exposed on the
reverse side of the array is shielded from sunlight, and will be susceptible to charging in the absence of
photoemission. The electrostatic behaviour of Kapton used in each of the above ways has been examined,
and comparable tests have been performed on other dielectric materials. These include two thermal control
paints, aluminised PTFE, and solar cell modules.

2. EXPERIMENTAL TECHNIQUES

The equipment used for this work (Fig. 1) was based on a 0.5m diameter vacuum chamber, operating at a
pressure of ~2 x 10”7’ torr, in which samples could be irradiated with mono-energetic electrons at
temperatures from 25 to 75 C, or at about - BOOC. The electron energies were in the range 3 to 30 keV,
and the beam flux was from 0.02 to 35 nA.cm™“. The Kapton samples consisted of 140 mm diameter circles
having projections for electrical connections (Fig. 2). A central current collector (10! mm diameter in
"standard” samples) and a concentric guard ring of aluminium were vapour deposited on the lower surface,
and subsequently sprayed with an insulating coating. To facilitate heat transfer the samples were secured
on the sample holder with a silicone encapsulant (Dow Corning 93-500) used as a low bond strength
adhesive. The area of the sample irradiated was defined by a 110 mm aperture in an earthed collimating
plate just above, and insulated from, the sample. The beam uniformity over the irradiated zone was + 30%.

During irradiation the leakage current from the central collector to earth was measured with an
electrometer (Keithley, model 610C), the output of which was displayed on a chart recorder to show the
frequency of discharges. The pulse characteristics were monitored with a fast current probe (Tektronix,
type P6303) inductively coupled to the lead from the sample to the electrometer. The output of the probe
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anpittier was dinp'ayed onoa 100 MHz storage oscilloscope (Tektronix, type 46¢) so that pulses could be
protegrapted for reasurement of jeak current, pulse duration, and the area beneath the trace, which gives
the total charge “lowing during a discharge. For automatic measutement of the charge flow associated with
targe number:s of pulses the outpiut of the current probe amplifier was fed i1nto a transient recorder
\Datatab, medo 1 DCY22) and the arvas of the displayed peaks were converted into Coulonts.

ine surtace voltage profile of the top surface of the samples was measured during irradiation by a
non-contacting electrostatic voltmeter (Trek, model 340HV) equipped with a probe (type 4031S) having a
viltage sensing aperture of 0.5 mm diameter. This was swept, about 3 inm above the sample surface across
a diameter of the sample in 12 seconds, and operated at the potential i1t wa¢ measuring, thus avoiding
Listurtiosn of the surface voltage, and the risk of discharges between the prote and tihe sample. The
cutput of the prcebe was not affected by the electron beam, and it was ¢stablished that the light emitted
by the electron gun had no significant effect on the surface voltage of Kapton,

The vlectromagretic radiation associated with the current discharges was monitored with a circular
leop antenna mounted in the vacuum chamber. The voltage induced 1n th:s loop by discharges was dlisplayed
on g second identical oscillescope. For the particular components employed, tniis sys*em ga. ¢ relative
measurements of the electromagnetic signal at 20 MHz.

Visual and photographic observation of samples during irradiation was made through a port in the
vacuum chamber.

3. IRRADIATION OF KAFTON - RESULTS AND DISCUSSION '
{2} Surface Voltage and Leakage Current

Measuremernt of voltage profiles a~ross the surface of Kapton .uring irradiaticvit showed that it
required soveral minutes to attain an equilibrium level at a flux of S nA.om™e Figure 3 shows how the
profile changed for 5 keV electrons incident on a sample having a small diameter cellector. The
equilibrium level was “1kV below the energy of the incident electrons, and this was also true of the
maximum levels attained over the unaluminised areas of the sample with higher enerqy electrons (Fig. 3).
The surface voltage profiles also show that carthed aluminium on the roar surface o f tne Kapton lowered
the potential of the irradiated surface. The maximum surface voltages attained on unaluminised Kapton,
and those measured at the centre of standard samples are presented in Figure 4 as a functicn of the
incident electron energy and the thickness of the Kapton, for irradiat:ions performed at -185°% with a beam
flux of 5 nA.cm™“. The plots all extrapolate to an intercept which indicates that under certain ¢ ndirions
the surface tends to attain a voltage which is 1.3 XV below the energy of the incident electruns.

The lcakage current thrcugh Kapton to the aluminium collector during irradiation was proportiocnal to
the area of the collector from 8 to 80 ¢m®, and to the incident electron flux, up to the maximum .ttainable
current of 35 nA.cm €. It was also a function of the energy of the elc¢ctrons, and the data in Figure 5
for Slum thick Kapton irradiated at two temperatures show that at 25°C it accounts for cssentially all of
the incident flux at the highest energy.

The avove observations are consistent with a charging mechanism t-r dielectiics in which the surface
voltage attained represents a balance between the jincident £lux and the loss of e¢lectrens by conduction
and Ly secondary emission and backscattering. When there is no alumimium on the lower surface, or for

very thick films, where conduction is low, secondary emission plays a :ecisive role in the absence cof
light. For a surface to attain equilibrium under these conditions with electrons ¢f incident energy E,
the secondary emission coefficient ¢ must be unity i.e. one electron icaves for each one arriving at the

surface. If & were always >1 or always <1 the surface would charge pcsitively or necatively respectively,
and could never attain equilibrium. & is a function of the incident electron energy‘4) such that it is
greater than unity in the range “leV<E<nlkeV, so that when irradiation commences with electrons c¢f energy
E->1keV very little secondary emission occurs. However, as the incident electrons are trapped (ass .aing
the dielectric is thick enough) the resulting potential of the surface retards the electrons subsequently
arriving, and the surface will charge up negatively unti! its potential recaches a level at which it ?3§ards
the incoming electrons to an energy for which their secondary emission cocfficient is unity. Davies

showed this cnerqgy was 0.9 keV for Kapton at 25 C, and the present results indicate that there is very
little effect of temperature on the upper threshold for secondary emis-ion, since at -!80 C the Kapten
surface acquires a voltage which is 1.3 kv lower than the eneray «f th.. incident electrons.

The lower resistance between the front and rear surfaces of the tlinner samples permits higher
leakage currents to flow through the polymer, thus providing a second route for electron loss when the
lower surface is earthed. Equilibrium is therefore maintained by a decrease in secondary emission, § falls
below unity, and equilibrium is estakblished with incident electrons of higher energy. There is therefore
less retardation of the incident electrons so that the surface is at a lower potential. However, the
variation of resistance with thickness alone cannot account for the differences between the plots in
Figure 4. The greater penetration of the morec energetic electrons during the charying process will

presumably result in a radiation-induced contribution to the conductivxty( which extends to a greater
fraction of the thickness of the film at the higher electron energies, thus raising the leakage current
(Fig. 5). The range of 30 keV electrons in Kapton is estimated from e¢lectron range data to be 12.3um,

which represents a penetration of half of the thickness of the 25um film, but ouly 1/10 of that of the
thickest film. When the penetration is a significant fraction of the thickness the enhanced conductivity
results in even lower secondary emission to maintain equilibrium, and so the surfa-e voltage falls at the
highest energies.

In the case of the thinnest film (6.9um) studied, the range of 22 keV electrons is equal to the
thickness of the film, and therefore above this energy the surface voltage would be expected to be very
low, as was lndesd found (Fig. 4). These low voltages were accompanie ! by high leakage currents. With a
flux of 5 nA.cm™“ of S keV electrons incident on the film the leakage ~urrent at -180"C was O.3uA, and it
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reached a level of 0.49uA for electrons having energies of 20 keV or higher. The leakage current therefore
rises much more rapidly than in the case of Slum thick Kapton (Fig. 5), presumably as a consequence of the
greater radiation-induced conductivity associated with the higher penetration of the electrons in the thin
film.

For low energy (<5 keV) electrons impinging on the thinner films the above conduction effects are
negligible since the penetration is low, and secondary emission is still tle decisive factor; all of the
plots in Figure 4 therefore approach that for unaluminised Kapton.

The above considerations indicate that the use of the thinnest Kapton films available as the outer
component of thermal blankets would facilitate the removal of even the lower energy incident electrons,
and result in very low surface voltages, with a consequent reduction in susceptibility to dielectric
breakdown by arc discharge. This conclusion has recently been reached :rnlependently on theoretical
grounds by Fellas

(b) Discharying Behaviour

Electrical discharges were observed when Kapton was irradiated with <lectrons having an enerqgy
exceeding a threshold value, which was about 15 keV for Sium thick Kapteorn at 25°C. The discharges were not
of constant size, nor did they occur at regular intervals, so that there were short term variations in the
rate of discharging, which fell progressively as irradiation continued, and eveatually ceased, as a result
of the production of permanent low-resistance routes to earth due to repeated dielectric breakdown. The
rate of discharging varied in a non-linear manner with the beam flux (Fig. 6,, presumably bevause apart
from the rate of arrival of electrons at the sample surface other factor- control the initiaticn of
discharges and the amount of charge removed in a single event, e.g. variation of the radiation-induced
component of the surface conductivity with the incident flux.

For the majority of discharges observed the current rose within atout 0.5 usec to a peak, which was
as high as 2JA, and then decayed to the level of the leakage current in a period cof several usec. The
charge associated with the pulse is given by the area under the current trace. For a particuiar example
this was 7.6 x 107% Couloumb, and since the corresponding voltage profilcs indicated a fall in potential of
about 11 kV, then the energy associated with this discharge was about 40 nJ, which was a typical value for
5lum thick Kapton irradiated with 25 keV electrons at -180°C. Many of the current puluses were more complex
and vxhibited smaller secondary pulses superimposed on the decay of the initial pulse, presumably due to
secondary dielectric failure within the area from which the first discharie was collecting electrons. The
signal induced in the antenna by the electromagnetic radiation associateu with the current pulses
exhibited anitial peak amplitudes of up to about 9V and decayed in about lusec.

The surface voltage profiles provided an indication of the extent in terms of area and volitage level
to whach a surfacce was discharged in a single event. The scans reproduced in Fiqure 7 were reccrded during
the irradiation at ~180 C of a standara Slum thick Kapton sample with 30 keV electrons at a beam flux of
5 nA.cm ‘. The first scan shows that when the surface was at only about 11.5 kV a discharne occurred
which reduced the voltage to zero. Immediate reversal of the probe traverse revealed in the second scan
that the whole width of the sample had discharged, and if account is taken of the partial recharging of
the surface by the electron beam during the sweep, which was estimated by comparison of these twe scans to
be at a rate of about 170 V/sec, then the whole sample must have fallen very close to zero volts. The
thaird scan, commenced immediately after a discharge, illustrates the fact that in other cases the full
widtn of the sample discharged, but the surface Jdid not fall below 5 kv. The fourth scan shows the result
of another common type of discharge which was very localised and reduced the voltage over only a fraction
of the Kapton surface. This was towards the edge of the csample, which is the region of maximum voltage
gradient and where initiation of discharges would bte expected. These wide variations in the changes in
surface voltage raused by discharges are consistent with the differences which exist between the amounts
of charge associated with the individual discharges occurring in a sample under steady irradiation
conditions.

7 .e behaviour of 25um thick Kapton Jiffered from that of the thicker films in that the discharges
whicl ccurred had almost no inflience on the surface voltage, in spite of involving significant amounts
of charge. Furthermore, the charge associatcd with the largest pulse observed for each incident electron
energy decrcased with increase in this parameter, being 29.8, 17.1 and 3.8 x 107/ C for 20, 25 and 30 keV
electrons respectively. It is suggested that these effects result from the greater penetration of higher
energy electrons in the thir film due to its lower surface voltage (Fig. 4), with the consequence that a
higher proportion of the electrons become trapped at distances approachina the range of electrons
possessing the incident energy. Thus, 30 keV electrons penetrate nearly to the centre of the 25um film,
and dielectric breakdown in this case will involve only half of the thickness of the Kapton. This will
presumably remove fewer electrons as the incident energy is increased, since they will be trapped more
diffusely in the upper part of the film at the higher energies, and probably only those electrons from the
zone near the maximum range will be involved in a discharge. Removal of electrons primarily from the
deeper trapping zones would also account for the small changes in surface voltage caused by discharges
from the 25um film. Moreover, since the breakdown voltage involved would be that of about half of the
thickness of the Kapton, then the occurrence of discharges at the surface voltages gbserved (Fig. 4) does
not contradict the reported dielectric strength of 9 kV for 25um thick Kapton -180C .

With the 6.9um thick film the normal type of discharges were observed only with 10 and 15 kev
electrons, and they were very small, the charge associated with the largest pulses being 6.9 and
2.5 x 10'é C respectively. The discharges had no effect on the surface voltage, and presumably occurred
at the edge of the central collector, in the unaluminised annulus, where the voltage was up to 2 kV higher
than in the centre of the sample. At higher energies the electrometer recorded no discharges of this type
but did show small negative displacements, indicating a change in behaviocur when the incident electrons
had sufficient energ' to penetrate the film completely.

The discharge arcs produced pinholes in the Kapton film, but the first pinhole formed was not the
site for all subsequent discharges, even over a small area. The discharges were accompanied by visible
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light flashes, and photographs showed that they occurred exactly at points where pinholes were found, and
that one or several pinhivles may be involved in a particular discharge. Repeated discharging may take
place at 4 given pinhole but not necessarily successively ut the same hole. For all of the samples
examined the pinbales and other dumage occurred within the unaluminisel zone or at the adjacent edge of
the aluminium collectur, indicating that discharges are initiated in tiose regions where the voltage
Stress 1s greatest.  The pinholes were surrounded by a region of charred polymer, and usually by a
network of visinle discharge tracks. More extensive damage arcse when Jischarges occurred in aluminiscd
areas, and they sometimes produced holes of up to ! mm diameter due tc complete vaporisation of Kapton and
leos of aqcuninium from a further 1 mm strip around the hole. This damage had resulted from disctriarges of
ar. rea of at most 10U om® and involving <0.13 of energy. Since the area of dielectric surface on a

sat ' lite can be up to several m4, and scaling experiments have shown ') that the maximum energy in
discharges 1 proportional to the function (area of dxelectric)l‘5 then it is apparent trat cischarges of
tens of Joules of energy van occur and cause considerable damage to the satellite in addition to giving
rise *o clectrical interference.

(¢ Influence of Temperature

The temperature at which Kapton 1s irradiated has_a significant influence on 1ts bohaviour. When
irradiated with 30 keV electrons at a flux of § nA.cm © standard Slum thick samples showed at most one
discharge per hour at 80°C. At 25°C the rate wag initially about 2 per minute, while at -180 € it was
about 4 ber minute. Moreover, the charge associated with each pulse wais on average several fold greater
at -180°°C than at 25 C, and as the irradiation proceeded there was a much slower fall in the rate of
d1scharging at the lower temperature.

) . (8) ;
' he velume resistivity of Kapton is greater at lower temperatures and this sheuld lead to ‘

reductions 1n the leakage currents and increases in the surface voltages as the temperature i: reduced.
Thv Jdata 1n Taple 1 show that the voltages at the side (unaluminised region) and in the centre of standard
um thick Kapton samples do indeed increase as the temperature is reduced, and at the samc time the
s mdk\me current falls. However, the decrease in the latter is mugh smalier than would be predicted from
tine volume recistivity, which decreases nearly 10-fold between 25 and 70% » 50 that presumably
ra-itation-induced conductivity makes a much greater contribution than ohmic cenductivity. Nevertheless
the latler probably determines the effect of temperature, since the raliation-induced effect would not be
cApeCcted to vary with the temperature. The data given in Table 1 were measurcd under corditicns where
11Tl or no iwcharging occurred so that the voltages represent equilibrium values rather than the
Preakbown voltaes of the sample.

TABLE .. Lff. st of Tumperature on Surface Voltage of Irradiated Kapton
#0%c 25°%c -18¢°c
Laoectron ;o — n T
(RIS R4 veltage Voltage Voltage voltage V. ltage Voltage |
LR at at Leakage at at Leakage at at Leakage
pears Flux samp.e sample current sam;.le sample currert sanple sample carrent
T edge centre AxliT] edac centre Ax 107 edge centre Ax 107
kv <V rV kv kv kv
i 4 - - ———— . — - —
! 15 10,3 8.7 Jo 1 o3 2.5 1.5 11.8 1.5
! 2 4.2 3.5 1.3 9.1 3.0 14.0 12.4 1.9
!
H 25 - - ~ - - - 213.4 11.8 3.0
3. THE ELECTRUSTATIC BEHAVIOUR OF OTHER SPACECRAFT MATERIALS AND COMPONENTS

() Tomposite Kapton Systoms

T lirst material examined consisted of & Jaminate of 25um of aluminium bonded to 75um thick Kapton
1 with a joiyester adhesive: this hal been proposed as a VHF shield on the OIS satellite(lJ‘ When
irradiated on the Kapton side with 30 keV electrons at a beam flux of 12 nA.cm ¢ this material exhibited
consiyderable discharging at 70°C (Tatle 2}, althcugh the rate of discharging fell rapidly as irradiation
continued. At low temperature (-180°C) 1t shewed even higher rates of discharging, which decreased only
tigh*tly on continaed exposure. In spite of the discharges the samples irradiated at 70 C suffered no
physizal damage, but those iiradiated at -180 C all had holes (up to 17 of €1 mm diameter) blown completely
through the Kapton into the aluminium by the discharges, although they did not penetrate the thick
| aluminium layer completely. These results demonstrate that this laminated material is much more
susceptible to electrostatic effects than the thinner (51um) Kapton coated with vacuum-deposited aluminium,
tut the rhicker aiuminium layer was able to withstand the discharges wihich occurred.

TABLE 2. Irradiation of Kapton-Aluminium Laminate with 30 keV Electruus
r;ompgtature Initial discharge Final discharge Duration Total number Maximum discharge
frequency {per min.)! frequency (per min.| of run (min) | of discharges x 107 '¢c
b- —
70 4.3 0.15 185 280 34.2
70 4.7 ¢ 188 275 53.1
-130 6.5 4.9 205 - 73.9
-180 5.6 3.7 124 74C 2R
-182 8.2 5.7 218 1255 46.4
L. .
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More recently Kapton having a transparent conductive coating has become commercially available
(Sheldahl Inc.), and a sample of 76éum thick Kapton with vacuum-deposited aluminium cn the rear surface and
a coating of indium-tin oxide on the front surface has been tested. The two surface coatings were
connected eluctrically by painting Chemglaze L300 paint (Hughson Chemicals Inc., Erie, Pa) around the
edge of the sample, which was irradiated with a flux of 10 nA.cm™ < of electrens, the eneryy of which was i
increased in 5 keV steps up to 30 keV. Throughout two series of irradiations, at ambiernt temperature and
then at -18u'C, the surface voltage remained at less than 5 V. The total current collected from the two
surfaces was usually 70-80% of the incident flux, although it exhibited a minimum of %0y for 15 keV
electrons at each temperature, At 25 C the sample exhibited a few microdischarges (1% fsd ~n the
electrometer: sensitivity 107°A £sd) with 25 keV electrons and similar pulses at a rate cf “4/min with
30 keV electrons. At -180 C the first few dxschgrqes occurred with 20 keV electrons, but at the higher
energies the bLehaviour was similar to that at 25°C. Ths results describ:d abceve for indium-tin oxide
coated Fapton confirm and extend earlier observations (19 of yts essential freedom from clectrostatic
effects. The suitability of the material fcr use on the outer surface of spacecraft wi.l therefore depend
primarily on the mechanical and thermal properties of the coating and on the difficulty in confirming the
integrity of the invisible film over the whole exposed area of the material when 1installed cn a spacecraft.

Two "Minco" pad heaters have also been tested for their electrostat:. behaviour at ZSOC, but since
they gave similar results only one test is describied here. The heater consisted of a 275 element
sandwiched between Kapton discs (* 65 mm diameter; 76éum thick) to give an overall thickness of 157um. The
tower disc was extended into a tongue to support and insulate the heater connecticn taks. The current

frcm the heating element to zarth was monitored with an electrometer, and the sample was surr “'n~ded - an )
earthed metal plate which overlapped the edge of the ho%ter by about ! mm, but was insulatel from The L
sampl. was irradiared with an electron flux of 5 nA.cm™“, the electron vlergy being ircreased in & /

steps to 30 kev. '

The surface vcltaqges, leakayge currents and sizes of the Jischarges ubserved are summarized in Lie 3,
Discharging commenced with 20 keV electrons, and at the higher energies tlie peak currents reached and

the discharges decayced completely with lusec. The data show that up to 20 keV electron energy th rare
voltages are consistent with those for Kapton given in Figure 4. The voltage jrofiles were srarl :
energy up to 15 keV, but at 20 keV a voltage level of = 7 kV was recordedl over the whole sam;le ai
di.charge. Due tc the more frequent discharging with 25 and 30 keV electrons all of the prctiles a. taese

e¢nergies were different, but in no case did the surface voltage fall tel.w 5 kV. The leakage current to :
the heating element increased with the e¢lectron energy, and althcugh the rate of discharging with 30 kev
electrons was lower than at 25 keV this probably only reflects the usual decrease in discharqge rates with
prolonijed exposure at 25 C. The mean charge flow involved in the pulses decreascd with electron en.rgy
from 20 to 30 keV 1in a similar manner to that quoted above for 25um thick Kaptor.

After completion of the above irradiation examination of the heater sbowed % pinholes puncied ¥ roush
the Kapton from the irradiated surface to the heating element by the discnardes. Thus, in all respects
the behaviour of this type of pad heatur is in accord with that expected from the data presented fcr the
electrostatic behaviour of aluminised Kapton.

TABLE 3. Irradiation of a Pad Heater at 25°C
T — —_ . - [
Electron Energy Maximum surface voltage Leakage current Mean discharye rate Mean discharge size
kev kv x 1077 a per min. x 1076 ¢
S -
5 2.7 +0.02 - ~
1c 7.15 <0.02 - -
15 11.4 0.05 - -~
20 15.8 0.50 Cc.11 6.1
25 11.4* 0.8 0.42 2.6
30 10.3* 0.8 + (.3 0.27 1.7

*low levels due to discharging
() Aluminised Teflcn

Self-adhesive aluminised Teflon tape is used for thermal control purposes cn spacecraft, and it is
ther:fore necessary to examine its electrostatic behaviour under electron irradiation. The material is
commonly employed with the aluminised layer electrically floating, the strips of tape being stuck to the
substrate with their edges as close together as possible. Samples were jrepared from 125um thick Teflon
tape ‘Sheldahl, G400800) in the form of two semicircular pieces of radius 65 mm stuck closely together on
1.5 mm thick aluminium plate, and an earthed shicld, separate from the sample, limited the area of the
sample exposed to the electron beam to a circle of 111 mm diameter., The fullowing results are for a sample
of this kind irradiated at 250C with a flux of electrons of 5 nA.cm  at cnergies increasing inr 5 keV steps
up to 30 kev.

The maximum surface voltages attained at each energy, are given in Table 4, and extrapolation of the
data for the three lowest energies indicates the second crossover for secondary emission from Teflon at
25°C lies at 3.5 kV. However, a duplicate sample gave an intercept of only 2.0 kV, nevertheless on
average the second crossover for Teflon is somewhat higher than that for Kapton. Each profile showed a
pronounced dip at the centre of the scan where the surface voltage probe passed over the join between the
two halves of the sample, and for electron energies up to 15 keV stable «juilibrium profiles which were
symmetrical about the central dip were obtained, but above this energy every profile recorded was different
due to the frequent discharging of the sample. No leakage currents were obzerved from the sample at
energies up to 15 keV, and this {8 consistent with the fact that the Teflon was 125um thick and the
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aon-conductive athesive was abou* SOum thick. When a discharge vcourici the o
the current from the substrate plate showed a sharp displacement of ¢ v 0w fs
ind returned towar:is zero over a period of up to two minutes, lut satsequent Jd

Letore the current had reached its stable rero level, and in me-t instances, small (<23 fudb
PLises woere perimpesed on the decaying current.  Very similar behavs sur o
vlectrons, except that the pulse rates woere greater, so t'.at subsequer! Jdischarges oosarred n

lectrometer menitoring
si (senvativaity
ischarges cfter

176 A fsd)
OLcurred
negative-going

urred witk 2% and 32 kev

act,

sooner oun

the curtent ecay curve, i.e. the current rarely reached zere between ascharges., The discharge rates were
nstant during the arradiations, and they are given together with the charge flow associated witi the

tlscharges in Tatle d. At each enerq, the sizes of the discharges varied widely, tie smalles
recorded by the transient recorder correspondirg to 1.1 x i07%C. With 20 kev electrons the d

t peak
1scharges

resulted in the surface voltage across the full width of the sample falling t@ evels over the range 1.5

to 6. kV, but with 25 keV electrens the lowest levels recorded immediately after a dischar je
the full width of the sample again faliing in veltage, and with U keV electrons voltages as
were aygain epserved iumediately after discharges. The initial stage ¢f a lischdrje was guite
Surrent rising to as high as “dA and decaying within 0.3 to 3 level which ajpeared consrtart
escilloscope, but which was sihiown by the electrometer to lowly decline for chout a further 2

thotographs taken for periods of 30 seconi

s during the irradiatic . showed point fla.

3

polnty across the sample. On -omplering the irraldiaticn the sample sh'.wed evapora:
vaceum feposired aluminium along apout 1 0.5 mm wide strip on each side of the jein ard also
Irameter circles at some other points acrcss the sample.  In each case the exposed surface of
filr was uniimajed. Moreover, no damage occurred around tne shielded ~ircumference of the sa
muct of the Jdischarging aprears to be initiated 'y the voltage streosse. present at tre -oirn,

T

£ ynd that vaporisation of aluminium had occurred along the full lengr . of the . reane, o tha
e taken tooavord such defects when applying the material,

CARLE 4. Irradravion of 175um Thick Alusinised Twflon at 25°C

iﬁlcctrfn ererqgy Maxilmum surface voltage Dischara: ra‘e Mean 41 harge <ivo Maxtrner,
i ReV kv i per min. x 700 x
i I . I e | L
’ - -— — B it st e S .-
5 1.4 - -
h 5.8 - - i
| 14 13.5 - t
| 2 12.7 [RETN RS '
o6 1.6t 0.9 n
33 1y.4* e tLid !
J - — S
g e discharging freguaently
Thinner (Toum) samples <f alumirn d Terle:n, were irrydiated at Y with o KeV elects s

flux f 12 nAa.cm™ ¢, and thes. aluo exhibited considerable discrarcing  at, as exp-oted from t
temperature and the thinner polymer film, the chnarge flow in the lisc arges was smalier wcler
conditions, the maximum discharge recoarded nvolving 3.6 x 1078 ¢,

)y Thermal Contrel Paints

Tiae biack thermal control paint Chemalaze Lo (Haghaon ‘mic . o, Erre, Pay o ha leet ot
rhe form of a filn cast on mercury to give a coherent sheet 7o+ dum vk, whioh was tnen al
th same way as described for Kapton. The sample was irradiated at - ¢ and ~ubsequently a
v oflux of 5 onALarT< ng electrons of up to 30 keV Under 11 - ittions zerd surface v
recorded, and at =120 ¢ the leakage currvent to the itiiged o llecs avccunted for doe 10
Vi pdent fu On continuing the irrad:ation at +80°C the current jro aressively decreased to
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mitee frormal control paint Chemalaze A276 was applied to alur-inium plate and fo Slum thick

Kapt sn, ant its behaviour at high and low temperature when exposed toe i keV electrens 1s summarized i

Tar il 5. o e atuminium substrate Jischaraes were only observeld at the lower temperatu: .,

and the

rathet variabi- performance may be lue to incorporation of defects (e. ;. dust particle o) n *he filw
during carang an the atmosphere.  When ajg liel te Xapton significant ischarging was alue oY served
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TABLE 5. Irradiation of Thermal Control Coatings with 30 keV Electrons it a Beam Flux of 17 nA.cm™ ¢
Material Tempgrature Initial discharge Duration of run Total Nc. of Maximum discharge
C frequency (per min.) (min.) discharges x 107
——
( 69.7 0 245 0o o]
Chemglaze A276: 69.7 0 174 0 0
paint on _
aluminium : 180 0.4 206 178 53
plate ( -180 4.4 180 202 14
( -180 1.9 183 343 9.8
( 73 6.9 212 352+ 3.6
: 73 3 194 127+ 8.0
Chemglaze A276( 73 5.1 211 231 10.7
paint on ( _
Sium thick ( 180 4.3 192 915 110
Kapton ( -180 3 215 308 32
: -180 7.4 225 104c 4s
( -180 3.9 288 99& 347

*Final discharge frequency zero
(d) <colar Cell Arrays

Solar cell modules having the construction illustrated in Figure 8 were assembled, and their
susceptibility to electrostatic discharging at low temperature was investijated by irradiating them with
electrons of up to 30 keV energy at a beam flux of 5 nA.cm~2,

The first module incorporated solar cells without any coverslides, the cells being mounted on 25.4um
thick Kapton using Dow Corning 3145RTV silicone adhesive. The module was secured to the sample holder
with the low bond strength adhesive, the cells facing upwards for the initial irradiations, in which tre
sample holder was cooled by liquid nitrogen. The Kapton film was therefr-re at abcut -180 C, but the
temperature of the exposed surface of the cells was not known. The negarive lead from the top surface of
the cells in the module was connected to earth via an electrometer, and ‘he discharges were recorded by
the pulse monitor coupled to this lead; the positive lead was also earthed.

During irradiation the conductivity of the cells held their surface potential below about -200 Vv, but
the exposed Kapton around the outside of the module reached nearly -4 kV with 17 keV incident electrors,
and gave small discharges (peak current 0.47), whercas aluminised Kapton of this thickness prodaces no
discharges at this energy, and only very small ones with 15 keV electrons. Clearly the voitage stress
between the exposed polymer surface and the solar cells is a source of discharges in such an ascembly if
it is not oxposed to sunlight. Nevertheless, even for 30 keV electrons the discharces were still small
(peax current €0.8A) and locaalised. When the assembly was irradiated from the substrate side the
benaviour with 5 and 10 keV electrons was esscntilally that expected for plain Kapton film, the surface
charying up to 4.2 and 9.1 kV respectively. With 15 keV electrons the Kapton attained 1} kV, which is
about twice the level attained by aluminised Zz5um thick Kapton. Clearly the leakage current to the solar
cells was very lcw, due to the additional insulation provided by the adhesive, but eventually breakdown
discharges occurred, althouqgh they were not very large (peak current <1A). With 20 keV electrons the
surface even reached 18.2 kV before the first discharge occurred. Subsequently, at this and higher
energies, the surface discharged from about 10 kV, and the discharges were of about the same size as
above, but occurred at high rates, of up to 6.6/min. Thus, under operational conditions an array of this
type werild be subjected to large numbers of small discharges from the Kapton film to the solar cells.

For a module comprising sclar cells with 50um thick cerium doped (CMX; coverslides and Slum thick
Kapton irradiation with 5 and 10 keV electrons gave surface potentials about 2.5 kV below the energy of
the incident electrons, indicating the charging of the surface of the coverstides. Small discharges
occurred with 10 keV electrons, (peak current £0.6A; maximum charge associated with pulse 1.5 x IO'7CJ,
however, with 15 keV electrons the discharges were quite large (peak current £6A, charge <20 x 10’7C). As
the electron energy was further increased the discharges remained at a comparable size, with the peak
currents reaching 8A, and the pulse rates being up to 8.4/min. The changes in surface voltage showed that
several solar cells could be discharged in a single event, but in no case did the whole assembly discharge,
so that the total charge involved was less than that from the discharge of a comparable area of Kapton.
Moreover, for an array of solar cells having cover slips, which themselves charge up, the charging of the
exposed Kapton surrounding them is of less significance in the electrostatic behaviour of the assembly.

when this module was irradiated from the substrate side the behaviour up to 15 keV was essentially
that expected for plain Kapton, apart from a few discharges at 15 keV. At higher energies the polymer
surface always reached the same limiting voltage of about 14.5 kV, which presumably represented the
breakdown voltage to the solar cells, since it showed discharges at rates of up to 1.8/min, which reduced
much of the sample surface to nearly zero volts, and resulted in physical damage to the polymer film.
Thus, under operational conditions an array of this kind would be subjected to significant electrostatic
discharging.

Inspection of this assembly after it had been irradiated in each orientation showed a considerable
number of discharge sites in the form of charred pinholes. When irradiated with the solar cells exposed
to the electron beam the damage was confined to Lhe Kapton adjacent to the edges of the solar cells, and
when irradiated from the Kapton side the damage was always within the arca of cach cell.
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The electrical characteristics of the solar cell module were measured before and after irradiat.on,
and 1t was found that the uxpostre to the low energy electron beam cauxed no changes. This 1u consistent
wi®! rhe fact that the electron ranges were less than the thickness of the coversiiles or of the Kapton
suOSLrate.

A solar cell module incorporating 'frosted' silica coverslides has also been irraiiated. Witn the
electron beam incident on the coverslides the surface voltage equilibrated at 1-5 kV for electron encrgies
up tu 1% keV, but exhibited surface voltages from 0.5 to 7.5 kV at the hLigher electron enerqgies, due to

Jdischarging. Although the thicker (150um)} ‘'frosted' ‘erslides were at a higher temperature tharn the CMX
glasses due to 3 different mounting technique being us:d, this would have been insufficient to account for
the much lower voltages observed. However, the thre<nold at which discharging occurred was higher, it

20 keV, for this module, compared with 10 kev for the CMX assembly. Discharge frequencies and peak
currents for the frosted module were fairly similar to those for the CMX system.

On exposing the reverse side of the above assembly to the electron beam the surface voltages hehaved
in a very similar way to those observed on aluminised Kapton. Discharging through the Kapton and adhesive
to the rear cof the solar cells commenced at 15 keV electron energy, and the discharge pulses reached peik
currents up to SA. On the 'frosted' system the discharges produced a large number (61) of pinhcles in the
Kapton regions behind the c¢ells, and these were usually associated with some volatilisation of metal from
the rear surface of the cell and interconnections. The maximum dimens:ion of the damaged area was 1 mm.
Other wczkers(l' R have found similar results for the irradiatiun of flexible solar arrays based orn
a 7eum thick Kaptorn-fibreglass substrate with electrons of up to 20 keV energy at fluxes of 1-10 nA.cm™“,
When the zubstrate side was exposed to the beam the majority of discharges cccurred at the edges of cells,
due tu dielectric breakdown to the cell interconnects when the surface potential reached 10 + 2 kV. For a
riyid array, with the cells mounted on Kapton 1), {rradiation from the cell side produced vgltage profiles
snowing uimilar features to the present observations, with the highest voltages arising on the exposed
Kapton border surrounding the cells. The discharges in this case also originated at the edges of the
coverslides,
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RECORDER'’S REPORT

SESSION Il — ENVIRONMENT AND ENVIRONMENTAL EFFECTS
by

D.R.Tenney
NASA-Langley Research Center
Hampton, Virginia 23665
USA

Five papers were presented on space environmental effects on materials. Professor Tennyson discussed a program
he is conducting at the University of Toronto on the effect of the space environment on the therma} distortion of
polymer matrix composites. The objectives of their program were presented and the facilities at the university for
studying space environmental effects on materials were discussed. Experimental data were presented for both
graphite/epoxy and Kevlar/epoxy systems. Thermal cycling studies, over the temperature range 24°C to 95°C, showed
only small changes in the coefficient of thermal expansion (CTE) up to 50 cycles after an initial change during the
first few cycles. The effects of UV and electron exposure on the CTE of composites were also investigated. UV
exposure of up to 160 days and electron exposure up to 10'° rads had no sigrificant effect on the CTE. However.
electron exposure did cause considerable scatter in the data. Linear elastic and viscoelastic models were used to
predict the thermal expansion and creep response of composite laminates, In general the agreement between predic-
tions and experimental data was good. Data presented on the creep response pointed out that viscoelastic effects
need to be considered for space applications when designing with angle ply composites. In addition. a discussion was
presented on bonded strain gages which indicated that at low dose levels radiation exposure did not significantly alter
strain gage response and therefore could be used in an environmental chamber for strain measurement at low-dose
levels.

Dr Tenney presented an overview paper on the long term durability of composite materials in space. Major
topic areas covered included radiation degradation of polymer matrix composites, dimensional stability of graphite
reinforced polymer composites, and thermal control coatings. Experimental data on the radistion stability of
epoxies and polysulfones showed significant changes in the chemical structure of the polymers. However, significant
mechanical property changes of the composite were not observed at the dose levels (5 x 10% rads) being considered.
These results were obtained using high dose rates to simulate a 30-year exposure with 30 60 hours of testing. The
need for longer-term, low-dose rate tests, which more closely simulates the space environment, was identified. Data
were also presented on the effect of microcracks on the CTE of graphite/epoxy composites, showing that cracks in
the 90° plies reduce the CTE. Experimental data compared favorably with a tinite element analysis used to predict
the effect. Work on the development of high toughness matrix resins was also discussed. Use of these resins, which
have 4 higher strain-to-failure than currently available epoxy resins, may eliminate matrix microcracking caused by
thermal cycling. Dr Tenney also presented an overview of the requirements for thermal control coatings and an
assessment of the status of currently availuble coatings. Experimental flight data were presented showing the increase
in solar absorptance with flight exposure years of typical white paint coatings and second surface mirrors. Experi-
mental data were also presented on two new polymer systems which look promising for thermal control couting

development. A new colorfess polyimide is being evaluated for second surface mirror applications and high conductivity

polymer films may help to eliminate spacecraft charging.

)r Bourgine discussed results of a program to simulate the acoustic environment of the Ariane launcher and
me:sure the high level and wide-band frequency vibrations that are transmitted to the payload and equipment.
Flectrodynamic shakers were used to force vibrations in the launcher wall at the shroud which shelters the satellite.
The proper simulation was achieved when measured responses at the wall exhibited spectral distributions and overall
RMS levels close to the predicted flight values. The noise level inside the shroud of the Ariane vehicle and the
vibrations transmitted to the payload were judged to be very close to those expected for flight conditions. The
results were encouraging and demonstrated that the simulation method used could reproduce the random vibrations
expected in the real environment with a high degree of reliability,

Mr Saylor reported the results of the experimental program conducted at General Electric on space environmental
effects on composite materials. It was a very extensive program and included evaluation of Kevlar 49/5209,
P75-S/CE339, GY 70/X-30, and T300/934. Several different laminate orientations were fabricated and specimens
were individually exposed to high-energy electrons in a vacuum chamber especially designed for use with the Van
de Graaff located at the University of Illinois. Three levels of radiation were examined as well as specimens in both
moist and dry conditions. Extensive mechanical and thermophysical property measurcments were made on the
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materials betore and after exposure. Mechanical property tests were conducted over a large temperature range

( 185°C to +120°C). Ekxperimental data on some of the materials showed that the moisture saturation level
increased by a factor of 2 due to electron radiation. Data also showed that the CTE for unidirectional graphite/
epoxy laminates changed at elevated temperatures due to radiation exposure. The thermal conductivity of the
graphite‘epoxy material systems was not significantly aftected by the radiation. n general, the Kevlar materials
were much more sensitive to the space environmental exposure than were the graphite/epoxy materials.

Mr Dollery presented experimental results on the electrostatic discharging behavior of Kapton, Kapton-
Aluminum laminate (25 um Aluminum/75 pm Kapton), aluminized Teflon, a black thermal control paint (Chemglaze
L 300), a white thermal control paint (Chemglaze A276), and solar cell cover glasses under simifar conditions.
Samaples were irradiated in vacuum with mono-energetic electrons of 5 to 30 Kev energy at temperatures from

180 to 70°C. Characterization of the electrostatic behavior included measurement of the maximum surface voltage,
leakage current. mean discharge rate, mean discharge size, and maximum discharge size. Surface voltage profiles for
Kapton wradiated with different energy electrons were presented and examples of the etfect of discharges on surface
voltage profiles were illustrated. In some cases clectrical discharge resulted in physical damage (pinholes) to the
Kapton tilm. One of the key conclusions reached in the paper was that use of the thinnest Kapton films available
(thinnest studied 6 -9um) as the outer component of thermal blankets would facilitate the removal of lower energy
tncident clectrons, and thus reduce the susceptibility to dielectric breakdown by arc discharge.

Subsequent general discussions at the end of the session focused on the importance of having a good understand-
ing of the long-term behavior of composite materials in the space environment. The need for such data was stated by
matcerials researchers present and by a number of spacecraft designers who indicated that the design lifetimes of future
spacecraft will likely be extended to a 15--20 vear range. There was a consensus that general sparcity of good experi-
mental data was a problem for the spacecraft designers in trying to insure long operational lives. Considerable discussion
pursued as to the outlook for making significant improvements in space materials, Severa! examples of new matenals
development currently underway that hold promise for future space use were discussed. In general, the area of space
environmental effects on materials was considered to be an important area of resvarch and should be punsued vigorously

in the future.
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CANDIDATE MATERIALS FOR PRETENSIONED MEMBRANES OF
FIBRE COMPOSITE MATERIALS FOR SPACE APPLICATION

by
W. Buchs
Messcerschmitt-B3lkow-Blohm CiebH
Postfach 801140
8000 Miinchen 80 Germany

ABSTRACT

In recent years pretensioned membrancs of fibre composite materials have become
increasingly under consideration for use as solar cell substrates, thermal shields etc.

Various particular areas of investigation arose from icads (launch vibratiorns)
and environmental conditions (vacuum, temperature, irradiati 'n).

Glass-, Carbon- and Aramidfabric composite materials wcre analyzed with respect
to the requirements and the interfaces determined by the tensioning frame.

Sections and full-scale samples of some membranes werc manufactured and tested
with methodis, which in several cases had to be specifically .cveloped for these purposes.

Spectial attention has been payed to the decrease of characteristics cf aramid-
fibre ccomposites under UV-irradiation.

Analysis results are presented as well as test data and manufacturing experience.

1. INTRODUCTION

Compared to sandwich structures, which are in use in spacecraft subsystem struc-
ture: with a mass per unit area of 1.1 to 1.4 kg/m? in composite construction, the use
of p:2tensiones membranes plus frames was calculated to end up with the amount of 0.7
to ¢.* kg/n’. This promissing benefit combined with high packing density should be taken
into account specially when talking about large spacecraft structures such as solar array
structures for directly broadcasting satellites. The design details in the following
pages are taken from the development of membranes for the Ultra-Light-Panel solar array
(uLp) .

The results concerning material selection, however, should be also valid for
similar applications such as for thermal shields, plain reflecting layers etc.

Figure 1 shows the whole assembly of the ULP solar array at the MBB test facility.
/1/ gives detailed information about development and qualification of the whole subsystem.

Fig. 1 ULP solar array with Carbon-Fibre Composite (CFC) frames and pretensioned mem-
branes covered with solar cells

B— e —
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2. TYPICAL DESIGN REQUIREMENTS

The main design requirements relevant for the membranc and its interface to the
frame are typically the followings

- withstand the static launch loads

- withstand the launch vibrations from sinusoidal, random and acoustic vibration with
limited amplitude (two neighboured membranes may not touch in the stowed array due to
vibrations)

- show a first natural frequency of above 20 Hz, in order not to interfere with the first
natural frequency of the spacecraft

- withstand deployment shocks

- withstand termperatures from -180° C up to 100°C

- withstand irradiation from 7 years geostationary orbit without a decrease of charac-
teristics, which could prevent function in orbit

- have provisions for clectrostatic discharge

3. DESIGN DESCRIPTION
K Membrane suspension

In order to meet the static and dynamic launch requirements, a membrane suspension
in one axis providing a global (including frame stiffness) equivalent spring constant of
about 200 N/mm was chosen.

This spring constant mainly is provided by an appropriate bending stiffness of the sus-
pension beam. The bending line of these two beams is compensated by individual packages
of cup springs at 11 suspension points.

The two not suspended edges are basically free, a so-called "fishing~line", however,
limits the edge amplitudes.

Fig. 2 illustrates the arrangement of the outermost spring-package (in suspension beam)
bracket at the end stringer of the membrane and the "fishing-line" at the free membrane
edge.

Fig. 2 Membrane suspension in high modulus CPFC frame (white cabling is test cabling)

At 7 lines over the panel the membrane furthermore is guided between two auxiliary beams
of high modulus CFC in a sliding manner. This, too, is for raising the membrane's first
natural fregquency and lowering the amplitudes.

More details about the structure design, specially of the frame, are given in /2/.

3.2 Mcembrane components

The load carrying part is a 1 layer composite structure of fibres and epoxy resin.
It is covered at the cell-side by a thin plastic film, which acts as bonding surface for
solar cells and electrical isolation, when using carbon-fibres in the composite.

The suspension edge shows an end stringer with unidirectional CFC, suitable for
joining the suspension brackets (see figure 2).
The "fishing-line" is joined by tab elements of composite. In the sliding area between
the auxiliary beams stiffeners of composite material are bonded to the basic membrane.
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q. MATERIAL SELECTION
4.1 Beams

All teams are designed in high modulus CFC, in order to meet the frequency require-
ments.

4.2 Suspension elements

Cup springs are of steel, coated with nickel, the bolts are of inoxidable steel,
coated with chromium. The bracket elements are made of anodized aluminium.
The reasons for these materials were mainly to avoid galvanic und wear problems.

4.3 End stringers, stiffeners, tabs

In general the same materials as in the basic membrane are used. The preferrud
fibre orientation in the end stringers is unidirectional, the one in the stiffeners
and tabs 0°/90° (tensile~stiffness and strength in plain required).

4.4 Basic membrane

Calculations showed that very light fabrics (in plain weave in order to avoid
"curling" after curing at elevated temperatures) or filament wound skins would be desi-
rable from frequency point of view. In order not to cause unacceptable distortions of
the pancl at the deep temperature extreme (-180°C), the basic membrane should have a
coefficient of thermal expansion close to the one of the frame - i.e. close to zero -
and a low inplain tensile stiffness E-t.

Investigations showed that plain weave fabrics were commercially available as
glassfibre fabric with 26 g/m?
aramidfibre fabric with 60 g/m?
carbonfibre fabric with 66 g/m‘.

Although offering the lowest mass ( 55 g/m?) and tensile stiffness (1930 N/mm),
the glassfibre composite (GFC) had _to be rejected because of the high coefficient of
thermal expansion {( a« = 11,2 - 107° m/mK).

The filament winding of (high modulus) carbon fibre was rejected because of the
high costs: a huge mandrel would have been necessary.

From the commercially available fabrics the high tensile CFC with a mass of
115 g/m?, a stiffness of 4100 N/mm and a coefficient of thermal expansion of
3,5 - 1076m/nK seemed to be the best compromise. Therefore, the first membranes were
manufactured in CFC.

The suitable matrix material was epoxy resin with a curing temperatur~ of 120°C,
the suitable plastic foil material secemed teo be a polyimid foil with 12,5 um thickness.

Later negotiations with a fabric weaver, however, brought a unidirectional aramigd-
fibre fabric composite (AFC) into discussion with a completed mass (i.e. including epoxy
and polyimidfoil) of 82 g/my of a stiffness of 2830 N/mm and a coefficient of thermal
expansion of 1,3 - 107 °m/mK.

As this membrane revealed superior the one of CFC it was decided to manufacture
and test one further membrane of this kind.

4.5 Adhesives

Room temperature curing epoxies and epoxy resins curing at 120°C were chosen as
adhesives, because experiences from other programs were available on these.
5. MANUFACTURING EXPERIENCE

The first manufacturing step is unrolling the polyimic film cn a table and

cleaning it. Figure 3 shows acheck to local defects by a high voltage test device, the
so-called "wet-sponge" test.
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Fig. 3 "Wet-sponge" test for local defects of polyimid film

Then the polyimid film is wettened with resin + harderer and the dry fabric is
positioned on it and impregnated with rollers.

The vacuum lay~up is applied and curing in the autoclave is performed (autoclave
yields high fibre volume content).

After unpacking besides of the standard inspection criteria (e.g. to fibre misalign-
ments) the "wet-sponge" test is repeated.
At this step the intended 12,5 um thick polyimid film showed much more defects (i.e. was
penetrated by carbon fibres) than at the iritial inspection. Therefcore, a 25 um thich
polyimid film hat to be taken for CFC membranes, which now had a mass of 135 g/m’ instead
of 115 g/m? before.

After this inspection the basic membrane is cut to si.e¢ and prepared for assembly
with the stiffeners, stringers and tabs, which had been precured in separate press-noulds.

The assembly is performed on a special bonding table, which allows exact positioning
of all components to be bonded.

6. TESTING
6.1 Outgassing

Shortly after the selection of materials the outgassing behaviour had to be proven.
For the CFC basic membrane a total weight loss (TWL) 0.32% and an amount of volatile con-
densible material (VCM) of 0.03% was determined. For the basic AFC membrane the corres-
ponding figures were: TWL 0.96%, VCM 0.04%.

The comparitively high amount of TWL at the AFC membrane was found to be water.
6.2 Uv-Irradiation

In a previous program the influence of space irradiation on CFC was investigated
and no degradation was detectible. Therefore, no irradiation test was performed with the
CFC membrane.

From numecrous publications, however, the decrease of strength of unprotected AFC
unl r UV-irradiation is krown.

Initial measurements with polyimid films even thinner than 12.5 um had shown,that
in the range of wavelengths about 200 nm ("hard" irradiation) the transmission of UV-
light was below 1%, in the range of 450 nm between 5% and 10%.

A 1000 h irradiation test with 6 + 2 solar constants at 60°C was performed in order
to verify that the protection by the 12,5 um thick polyimid film was sufficient.

The result was: no influence on stiffness detectible comparing irradiated (series
II1) to untreated specimen (series I). An increase in stiffness was measured at the
specimen treated with 60°C for 1000 h (series II), which was assumed as post-curing
effect.
Figure 4 shows measured stiffness data of the three series.
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Concerning strength, a decrease of 11% was measured (sve Figure 5), and again a
postcuring effect could be postulated.

| Extrapolating the initial decrease to 7 years orbit lifetime, it was stated that
no risk for the mission exists by the expected degradation of the strength.

It should , however, be kept in mind that the number of test specimen due to the
expensive irradiation tests was limited to 3 and 4 per measuring point, respectively.
The figure of 11% degradation thus should be mnore regarded as a trend informaticn which
has to be substantiated by further tests.

6.3 Stiffness and strength

For the stiffness and s*rengti: measurement a special test method had to be deve-
loped for the basic substrate as commercially available strain gauges turned out to be
too large compared to the fine yarns of the substrate.

Figure 6 shows the test specimen and the test equipment: a tensiie test specimen
300 x 15 mm with aluminium doublers is suspended soft against bending in the test
machine. Mechanical elongation gauges ( 200 mm length) take the edges of the aluminium
doublers as referred elongation length.

For strength tests the mechanical elongation device is removed.

Fig. 6 Test specimen and test equipment for stiffness and strength determination of basic
substrate
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The strength of the stringer bondings was determinated in a further test series

3 with representative "mini-membranes" in representative suspension. All specimen showed
high margins of safety referred to the acting loads during the mission. In several cases
] the load introduction bracket failed -~ see figure 7.

Fig. 7 Three types of failures at suspension load introduction: failures of matrix to
fibre adhesion (above), failure of bracket (center), failure of end stringer
bonding (bottom)

7. CONCLUSIONS

The manufacturing of several full-scale membranes and the performed environmental i
and mechanical testing showed that both carbonfibre and aramidfibre composite membranes
are suitable for geostationary orbit missions. For mass reasons, not existing of isola-
tion problems and minimization of suspension frame distortions at deep temperature ex-
tremes the aramidfibre membrane can be recommended for further applications.
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/1/ Schneider, K.: Development and Testing of the ULP Solar Array ESA SP - 140, ,
November 1978
/2/ Bansemir, H. Leichtbaustrukturen aus CFK fiir Satellitensolargeneratoren ver-
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EFFECTS OF LONG DURATION EXPOSURE TO SIMULATED
SPACE ENVIRONMENT ON NONMETALLIC MATERIAL PROPERTIES

by
Charles L. Peacock, Jr. and Ann £, Whitaker
NASA - Marshall Space Flight Center
Marsholl Space Flight Center, Aldbama, U. S. A, 35812

SUMMARY

Nonmetallic moterials specimens from the Viking program were tested in situ invacuo after continuous themmal-
vacuum exposure from 1971/1972 to the present. Eleven ASTM based tests were done on appropriate specimens of 30
materials; however, no single material received oll the tests. Some specimens also were exposed to 1 or 2.5 MeV
electrons at differing fluences before testing, Baseline exposure data is reported here for graphite/epoxy specimens that
had been exposed to vacuum since 1974, These materials have been transferred to the thermal vacuum storage facility for
future in situ festing ond irradiation.

Thin G/E specimens were tensile tested ofter thermal-vacuum cycling exposure. Photomicrographic examinations '
and SEM analyses were done on the failed specimens,

INTRODUCTION

The space structures and advanced space transportation systems that are envisioned for space flight in the next
several decades must be fobricated from long-life, low-cost, environment-resistant materials in order to be economically
feasible and to meet mission goals. Materials technology must be advanced through studies to identify degradation and
changes in properties of materials induced by environmenta! exposure, to define degradation mechanisms by which environ-
mental parameters interact with the materials, to determine accelerated test methodology, and to derive accurate
degradation prediction modeling techniques. Since previous work has shown that it takes a decade or more to bring o
material concept to engineering readiness, NASA has emphasized a strong space materials durability research and technol-
ogy program fo develop new and improved materials.

Composite materials show great promise for structural opplications in future space systems and are being used today
in eritical structural elements of space systems, such os the graphite~cpoxy metering truss, focal plane structure, and
optical bench structures of the Space Telescope. Fiber resin composites such as graphite-epoxy, boron-epoxy, graphite-
polyimide, and grophite-Kevlarepoxy are being proposed as primary structural materials in design studies of future long-
life large space systems. The improved performance characteristics of fiber-metallic matrix composites moke them highly
attractive structural and engineering materials for specialized applications in space systems. Consequently, there exists o
great need for increased research and technology development of environmentolly resistont advanced composites. Compre-
hensive environmental testing of composite materials is vitally required because of the complex ond varied degradation
effects that are induced in composites by long duration exposure to the different external and internal environmentol pare-
meters of space systems.

At the conclusion of the Viking Mars Lander program, a number of samples of o wide variety of materials that hod
passed the initiol screening tests remained in thermal-vacuum exposure at the Martin-Marietta Corporation (MMC). The
‘ decision was made at that time to continue the thermal-vacuum exposure of these materials with the plan of reestablishing

o test program to measure the effects of long duration exposure on the properties of these materials in the future. In 1979,
MMC aond the Materials and Processes Laboratory at the Marshall Space Flight Center (MSFC) decided that sufficient
exposure had occurred to warrant testing some of the specimens to obtain data on nominally nine years exposure. Over
150 specimens of 30 of these materials were evaluated including some with electron exposure in the present progrom.

In 1973 test specimens from 12 different graphite-epoxy samples that had been fabricated at MSFC were put into
long duration vacuum exposure following baseline materials properties measurements. These specimens were transferred in
vacuo to MMC for in situ testing and inclusion in the irradiation testing with the Viking specimens.

Specimens from 10 sets of samples of thin 150 um to 560 um graphite-epoxy composites fabricated by Hercules
Aerospace Division in 1980 have undergone baseline testing and thermal-vacuum cycling testing. Long duration thermal-
vacuum exposure of some of these specimens has been startz ot MMC.,

| This paper describes the results of evaluations of a variety of long term (since 1971 and 1973) thermal~vacuum
‘ exposed materials and short term (1982) thermal-vacuum cycled thin graphite~epoxy materials. The materials reported on
| here along with their descriptions are shown in Tables 1-a and 1-b.

TEST FACILITIES
The testing and evaluation work reported herein was accomplished jointly at Marshall Space Flight Center (MSFC)

; and Martin-Marietta Corporation (MMC), Denver Aerospace Division. The unique in situ vacuum test chambers and
; thermal-vacuum exposure systems at MMC were complemented with the Van de Groaff acceleraton ot MSFC to achleve




the desired tests and environmental exposures.
Thermal-Vacuum Exposure Facility (MMC)

The long-term vacuum exposures were accomplished at MMC in individua! canisters connected to ion pumps. Four
canisters are coupled directly to 50 /s ion pumps and the remaining 28 are connected to seven-canister glenums, with
each plenum attached to a 400 & /s fon pump. Each system is capable of maintaining pressures in the 107~ to 1076 pascal
(1077 to 107° torr) range. Each canister is constructed of 300-series stoinless steel, with a double wall for circulating
water and maintaining the required thermal conditions in the canisters. A Marman clamp seals the lid to simplify remote
opening and closing of the canisters in the test chamber. Two vacuum valves between the canister and vacuum plenum
permit the canister to be removed from the pumping system and transferred to the test chamber without altering the pressure
in the canister or plenum. A recirculating hot water heater maintains canister temperatures between ambient and 66°C.

Vacuum |_n Sity Test Facility (MMC)

The Vacuum In Situ Test Chamber at MMC is constructed of 300-series stainless steel and consists of two individual
vacuum chambers separated by a sliding gate valve. The main chamber is a nominal 1.5 meters (5 feet) in diameter and
2.1 meters (7 feet) long. The pumping portion of the main chamber consists of two 7.9 cm (20-inch) diffusion pumps with
a multicoolant baffle and a valve isolating the pump from the chamber. The airlock pumping system consists of @ 2.4 cm
(6~ inch) diffusion pump with o multicoolant baffle and isolation valve. The .55-square-meter (6~square-foot) chomber
window has three tempered glass sections. A door on one end provides easy access to the entire chamber interior,

The unique feature of this system is the master/slave manipulation capability in the main chamber. Three manipu-
lators provide :ix degrees-of-freedom and have electric indexing in twc axes for displacement of the master arm relative
to the slave arm. All other motions are mechanical, with a one-to-one force ratio between the master arm and the slave
arm except for the friction of the motion rods within the seal tube assembly.

A Universal test machine is coupled to the main chamber., The columns are shock-isolated from the chamber with
bellows and a moving crosshead pull rod is ottached to the bellows. Tensile, compression, flexure, and shear tests have
been performed in this chamber. Electrical property tests, including dielectric strength, dielectric constant, ond surface
and volume resistivity, are conducted with the aid of special fixturing developed by MMC for use in vacuum with the
master/slave manipulators.

Radiation Effects Facility (MSFC)

The Radiation Effects Facility of the Materials and Processes Laboratory located at MSFC includes two Van de Groaff
accelerators, a Model A-2500 and a Model A-400 in a shielded irradiation room with an associated control room. The
irradiations that were performed for this work were done with the A-2500 accelerator operating in the negotive mode pro-
ducing electrons with energies of either 1.0 MeV or 2.5 MeV as required for the different specimens. An electromagnet
is used to deflect the electron beam into the irradiation vacuum canister and to provide g monoenergetic election flux,

A 19..m {0.75 mil) thick aluminum foil was used to spread the electron beam to cover the desired irradiation areo without
significantly degrading the energy of the electrons. The electron beam fluxes were kept low, of the order of 10 to 15 LA,
for all irradiations to minimize thermal effects in the specimens. Faraday cups were mounted inside the canisters to monitor
the electron beam during the irradiations.

DISCUSSION OF RESULTS
Viking Mars Lander Materials

For the Viking Mars Lander program, MMC performed a series of screening and qualification tests on the candidate
materials proposed for the lander capsule. All proposed materials were screened initiglly by themogravimetric analysis
(TGA) with materials that showed relatively high weight loss and a relatively low decomposition temperature being rejected
ot this time, The materials that passed the screening tests were subjected to more detoiled TGA /RGA, heat compatibility,
and physical properties tests before and after thermal-vacuum exposure to qualify them for use in the lander (Ref. 1 & 2).

The residual material specimens that were not used during the Viking program have been maintained in a controlled
thermal-vacuum environment in the vacuum exposure system at MMC sunce 1971. Some 150 specimens of 30 of these
materials were selected for testing after nominally 9 years exposure at 66°C (150%F) temperature and 10~4 pascol (107 torr)
vacuum. The tests selected for a particular material were determined by the baseline and short term tests thot were origi-
nally done on that material in 1971/1972, All tests were done in situ in vacuo in the MMC Vacuum In Situ Test Facility.
The specimens were kept in o vacuum environment ot all times during transfer and testing through the Use of the portable
vacuum canisters and the chamber airlocks.

A limited number of specimens were irradiated with electrons at the MSFC Radiation Effects Facility. These speci-
mens were maintoined constantly in a vocuum environment ot afl times during transfer between Denver, CO, and Huntsville,
AL, end durmg irradiation. The lap shear specimens were exposed to o fluence of 1 x 10,2 e”/em® of 2.5 MeV electrons.
All other specimens were |rradnoted with 1 £AeV electroms to o fluence of 1 x 10'° e~ /cm€ except for the initial irradiation
test in which g fluence of 1 x 1019 e~ /cmé was used, Some of these specimens were degraded to the extent that they broke
while being removed from the canister at MMC; therefore, the lower fluence was selected for subsequent irrodiotions.

The Viking program materials that were tested are identified in Table 1-a along with their monufacturer. Table 2
lists the materials tests that were done insit in the vacuum chamber and the ASTM test procedure that was followed (Ref. 3).
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The results of the tests, the number of specimens, and the date the tests were performed are given in Tables 3 through 11.
The average value and the range of values are listed. The tensile dato given in Table 3 show that the tensile strength of
most nonmetallic materials will be offected significantly by thermal-vacuum exposure with Kapton being the least affected.
The initial short exposure usually, but not always, produced a sharp decrease in strength and the longer exposure gove o
slight recovery, The effect of electron irradiation, however, was to reverse the effects of the thermal-vacuum exposure.

The lap shear strength datg given in Table 4 for adhesives and coatings generally showed an increase in strength for
short duration thermal-vacuum exposure, but a large decrease for the long duration exposure. All of the electron irradiated
specimens showed a relative increase in strength. Thus, the electron radiation tended to reverse the effect of the long
thermal vacuum exposure on the lap sheor strength of the adhesives tested.

The flexure strength data in Table 5 and the compression strength measurement in Table 6 indicate that the effect
of the long thermal-vacuum exposure is a continuation of the effect of the short exposure for the tested materials on these
parameters. The 180-degree peel strength data in Table 7 also shows a similar trend for two of the materials. The overlap
of the data for the PC board indicates no significant change occurred for this material. Likewise the hardness measurement
given in Table 8 shows no significant change for the various environments.

The dielectric strength data in Table 9 reveals that for all materials tested the dielectric strength is reduced signif-
icantly by short duration thermal-vacuum exposure; however, some materials tend to recover with long exposures, but other
materials continue to decrease. The dielectric constant and dissipation foctor data in Table 10 and the volume resistivity
data in Table 11 show similar responses.

Thermogravimetric Anclysis

A useful technique for predicting polymer system degradation kinetics ot moderote temperatures is high temperature
thermogravimetric analysis (TGA) in conjunction with mass spectral analysis with a residual gas analyzer (RGA). In TGA
o small sample of material is token through tota! decomposition by increasing the temperature of the sample at a constant
rate (e.g., 10°C/min.) in vacuum while continuously measuring the weight loss of the sample . T

The variation of the rate constant with temperature is represented by the Arrhenius equation
_AE
RT
k = Ag
where k is the reaction rate constant, T is the absolute temperature, R is the gas constent, E is the energy of activation,

and A is an integration constant, Generally the thermal degrodation reaction is o first order reaction with the degradation
rate proportional to the concentration of the reacting material

- ¥ ke
dt

where C is the concentration of the reaction species, ond t is time.

Thus the ~~tivation enarav fe friven by

and the rate corstant is determined from
1 dx
a-x dt

k =

where o is the initial weight of the sample, x is the weight loss ofter time t, and g-:-‘ is the rate of weight loss,

Figure 1 shows a schematic multistage (here two-stage) TGA curve. In Table 12 the number 2 in the column headed
“Stages in the TGA Curve" refers to curves similar to that depicted in Figure 1. The number 1 indicotes that only o one-stage
degradation takes place through total decomposition, and the number 3 indicates an even more complex degradation than
depicted in Figure 4, that is, a three~stage degradation through total decomposition. With multistage decompositions only
the lowest temperature degradations (i.e., stage 1) were analyzed since this would be the one expected to dominate the
near normal-use temperature isothermal decompositions. In the column lobeled “Reaction Mechanism in Stage 1," the o
is the so~called “active component” in chemical kinetics terminology, and B represents the chemical component resulting
from the degradation of o,. Some materials show o simple mechanism, oy + B, of degradation while others show o complex
mechanism, a, where a, decomposes to B at the lower temperatures and o, + C as the femperature increases within
stage 1. Thus materials labeled 1 (i.e., single stage) a, decomposes to B at the lower temperature and g * C as the
temperature increases within stoge 1. Thus, materials I&eled 1 (i.e., single stage) and a; - B have o simple reaction
mechanism: through total degradation. Materials labeled os multistage (i.e., 2 or 3)and o, E will have an exceed-
ingly complex degradation since the decomposition stage (or stages) at higher temperatures, which were not analyzed for
the present study, may also degrade by complex routes such as (do) : E .
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Graphite / Epoxy Composites

tn 1973 grophite/epoxy samples were fobricated by the Materials and Processes Laboratory at MSFC using High
Modulus Surface-treat (HMS) graphite fibers at orientation angle increments of 45° and 60° in types 5208, 3501, and
BP-907 epoxy resins in the combinations shown in Table 1-b, Tensile test specimens were cut from these samples. Base-
line tensile test data were taken, and o set of specimens from the 0.8 mm (30 mil) and 1,0 mm (40 mil) thick samples were
exposed to a fluence of 2,63 x 10! e”/cm of 2.0 MeV electrons. A second set of these tensile specimens were exposed
in vacuum to uitraviolet light from o solar simulator using o xenon lamp source for 2000 ESH. This data, shown in Table 13
has considercble overlap between the range of electron or UV irradiated values and the range of the baseline data, and
indicates no significant degradation was induced by these levels of radiation (Ref, 4).

The remaining specimens were placed in @ vacuum chamber at MSFC for long duration vacuum exposure. 1n 1981
the specimens were transferred to one of the vacuum storage canisters and transferred to MMC in the MSFC mobile vacuum
system van. Insitu testing and irradiation of these graphite/epoxy specimens is in progress.

Thin Graphite/Epoxy Materials

Tensile and shear specimens of thin graphite/epoxy materials were obtained from Hercules, Inc. for environmental
testing. Hercules used their HMS /3501-6 grophite prepreg tape to fabricate high modulus specimens. Unidirectional
tayups of 2, 3 and 8 plies and +45° layups of 4 and 8 plies ina (+45°, -450, -45°, +45%) pattern were prepared. With o
nominal tape thickness of 7.5 mm (3 mil), the specimens ranged from about 15 mm (7 mil) to nearly 60 mm (22 mil) in thick-
ness. Top and bottom caul plates as well os special processing of the laminate sheets were used by Hercules to achieve
improved surfoce flatness and consistent thickness of the specimens. Data generati:d only on the 1 45° layups are reported
on here.

Specimens of the HMSé3501-6 +45° layup material were thermally cyjlec in the thermal vacuum chamber from
-73°C (= 100°F) to 145°C (300°F) in a vacuum of the order of 102 pascal (1077 torr) with each thermal cycle lasting about
an hour, The tensile data are shown in Figure 2 for specimens removed after 104, 522, and 2003 cycles. The anomalous
behavior of the 8 ply specimens after 522 cycles as yet has not been determined.

After the tensile ond flexure testing was completed the specimens were cut in half using o diamond sgw. One
section was used for SEM exomination of the surface and the other section was mounted for photomicrographic examination.
The tensile specimens were cut near the failed area and the filament density of that cross-section was measured. No corre~
lation was found between the tensile data and the filoment density,

The specimens were examined by SEM on ane surface bo determine presence of cracks and other anomalous conditions.
Photomicrographic examinations were made on cross-sectioned specimens to evaluate sub-surface cracking, delamination
filament distribution and other conditions. The control sample itlustrated conditions representative of all the samples, such
as missing fibers in one laminate ond o surface pattern created by the woven "bleeder" cloth used when pressing the laminates.
ond not ossociated with the graphite fiber layup. No cracks were found in either of the control somples. Examples of the
microcracking are seen in Figure 3 for specimens ofter 104, 522 ond 2003 thermal vacuum cycles. Samples thermal cycled
104 times had cracks both surface and sub-surface (Figures 3a & b). The surface cracks were oriented parallel to the layer
of fibers immediately below the surface and were relatively uniformly spaced at intervals of approximately 35 mm (0.014 in.)
over the surface. The sub-surface cracks occurred in the matrix between the lominates and at the fiber-matrix interfoce
perpendiculor to the line of the composite sheet. After 522 cycles the surfoce cracks became more numercus and wider
(Figures 3¢ & d), with spacings on the order of 30 mm (0,012 in.) to é mm (0.0025 in.) and some cross-cracks started to
appear ot 90° 1o the predominant crack direction, Internal cracks became longer and extended across two or more plies.
With further cycling to 2003 cycles the surface crack spacing remained about the same as at 522 cycles but were more
pronounced (Figures 3e & f), both parallel and perpendicular to the first sub-surface laminate. The extent of crocks per
pencicular to the laminates seen on the cross sections were about the same as ot 522 cycles but there was considerable more
crac<s parallel to the laminates.

Examinations of the thermal cycled samples showed that the primary degradation due to cycling was crack formation
in the epoxy matrix and this degradation Increased with increasing number of cycles. Initially the cracks were predominantly
perpendicular to the plane surface of the composite and, with increased cycling, olso occurred parallel to the surface.
Internal cracks were mostly at the interfoce between the graphite filaments and epoxy. The cracks observed on the surface
were mostly parallel to the outer laminate filaments and generolly increased in width up to 522 cycles. This is probably
due to shrinkage of the epoxy as a result of continued curing due to heating during cycling and this fact may account for
the observed increases in strength at 522 cycles. This "post-curing” may have masked the degradation due to cycling until
further damage was coused by cycling up to 2003 cycles.

CONCLUSIONS

The dato reported herein for the Viking materials shows that the effect of long duration exposure to space environ-
ments on some of the properties of many nonmetallic materials is not predictable from the response of those materials to
short duyration exposures. Electrical insuloting materials, for example, often showed a recovery after long exposure of the
electrical properties that were degraded during short exposure. A surprising result is that electron irradiation sometimes
reverses or reduces the change in material propecties that was induced by vacuum exposure.

These results confirm the need for continued testing and evaluation of materials exposed for long durations to simu-
lated space environments in order to identify acceptable materials for long=lived spacecraft. The wide variance in the
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patterns of this data exceeds the capability of current models to predict the degradation and verifies the necessity for more
advanced studies of degradation mechanism modeling techniques.
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TABLE 1-a — VIKING MATERIALS LIST

Material Classification Monufocturer
Abefilm 501 Film Adhesive Ablestik Labs
Adlock 851 Phenolic Laminate Am Reinforced Plastics
Choseal 1224 Conductive Elastomer Chromerics Inc.
Chosea! 1236 Conductive Elastomer Chromerics Inc.
DC93-500 Silicone Encapsulant Dow Corning Corp.
DC6-1106 Sealant Dow Corning Corp.

Diall FS-80, Type G01-30
EA 934

EA 956

EA 9414

EC 2216

Eccofoam FPH

FM 96V

HT 424

HT 435

C7-4248

Xepton F, 011
<opton F, 919
Kynar Tubing

Lexan

Lucite

Nylon

Polyethylene
Polythermalese Wire
Polyurethane
Printed Circuit Board-Type GF
Solithane 113
Stycast 1090
Therm=-Amid Wire
Vespe! SP~1

Molding Compound
Structural Adhesive
Structural Adhesive
Structural Adhesive
Structural Adhesive
Structural Adhesive
Structural Adhesive
Structural Adhesive
Fiim Adhesive

Epoxy Resin

Electrical Insulation
Electricol Insulation
Heat Shrinkable Tubing
Polycarbonate

Acrylic

Polyamide
Polyethylene

Magnet Wire Insulation
Polyurethane
Laminated Sheet
Polyurethane Coating
Epoxy Encapsulant
Magnet Wire Insulation
Polyimide

Miro Plastics Inc.
Hysol

Hysol

Hysol

M

Emerson and Cuming, Inc.

Am. Cyanamid Co.
Am. Cyanamid Co.
Am, Cyanamid Co.
Hysol

E. 1. duPont

E. (. duPont
Raychem Corp.

GE

E. l. duPont
General Electric Co.
E. I. duPont

Belden

Synthane~Taylor Corp.
Thiokol Chem Corp.

Emerson and Cuming, Inc.

Rea Magnet Wire Co.
E. I. duPont
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TABLE 1-b — MSFC GRAPHITE /EPOXY MATERIALS

Sample Manufacturer Fiber Resin Fiber Orientation Number of Plies
T-22 MSFC MOD | 5208 +45/90 8
T-24 MSFC MOD | 5208 + 45/90 16
T-26 MSFC HMS 3501 + 45/90 16
1-27 MSFC HMS 3501 + 45/90 8
T-35 MSFC HMS BP907 + 60 6
T-36 MSFC HMS BP907 +45/90 8
1-37 MSFC HMS BP907 + 60 12
7-38 MSFC HMS BP907 + 45/90 16 .
T-40 MSFC MOD | 5208 + 60 12
] T-41 MSFC MOD | 5208 + 60 6
4 1-42 MSFC HMS 3501 + 60 12
7-43 MSFC HMS 3501 + 60 é
H-9 Hercules HMS 3501-6 +45 4
H=-10 Hercules HMS 3501-6 45 8

TABLE 2 — TEST METHODS UTILIZED TO EVALUATE MATERIALS

Test ASTM
1. Tensile Strength D638, D882
2.  Lap Sheor Strength D1002
" 3. Flexure Strength D790, €393

4.  Compression Strength D695, D3410
5.  180-deg Peel Strength D1967, D903
6.  Hardness D785
7. Dielectric Strength D149
8, Dielectric Constant D150
9.  Dissipation Factor D150

l 10.  Volume Resistivity D257

i 11,  Thermal Degradation See Text

f
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TABLE 3 — MATERIALS EVALUATION - ULTIMATE TENSILE STRENGTH IN MPq,
NUMBER OF SPECIMENS, AND DATE TESTED
Material Baseline 1 Mo/3 Mo Long-Term After trrod
+80 +33
Adlock 851 184 -70 234 e
(5) 06/ (5) 07/80
+5.0 48.0 +2.0 +2.0
Vespel SP-1 124 -7.0 124 -11.0 139 -2.0 139 -3
(5 10/ Gy nmn (5) 01/80 (3) 05/81
+10.3 +18.6
Kaopton F, 919 103 -15.8 109 -36.5
)y n/mn (5) 05/80
+20.7 +19.3
Kapton F, 011 93.4 -22.1 84 -26.2
) nm (5) 05/80
. +1.4 +6.1 +1.2
Lucite 88.9 -4.9 68.9 -4.6 77.1 -2.9 64,6
(5) 03/72 (3) 08/72 (4) 05/80 (M) 05/81
+5.,3 +2,3 +0.6 +2.0
Lexan 66.7 -4.2 62.4 -1.2 58.5 -0.3 62.6 2.8
(5) 03/72 4) 09/72 (4) 05/80 (4) 05/81
+2.3 +5.9 +1.5
Polyurethane 6.1 o4 55.3 -2.3 47.4 '8
(5) 03/72 (4) 05/80 (3) 05/81
+2.7 +1.5 +1.4 +1.4
Nylon 59.3 -0.9 56.5 -1.9 77.2 -1.4 86.8 -0.6
(5) 03/72 4)  09/72 (3) 05/80 (4) 05/81
+1.6 +0.05 +3.30 +0.20
Polyethylene 14.5 -2.4 9.78 -0.05 10.5 -1.80 15.4 -0.10
(5) 03/72 4) 09/72 (4) 05/80 (3) 02/82

< e ———_




TABLE 4 — MATERIALS EVALUATION - LAP SHEAR STRENGTH' IN MPa,
NUMBER OF SPECIMENS, AND DATE TESTED
Material Baseline 1 Mo/3 Mo Long-Term After Irrod
+2.07 9 .
Ablefilm 501 25.0 3% | 206 e | 20 Lo
5) 08/72 (5) 1/72 (5) 03/80
+0.34 3.1 1.24
EC 2216 27.9 15'as 28.1 135 2.7 1)es
(5) 10/71 (5) 01/72 (5) 01/80
+1.31 +1.45 +0.55 0.69
EA 934 16.7 11 7 16.9 21710 15.8 1715 16.1 o'
(10) 10/71 5 17 (5) 01/80 (5) 05/81
+i. .
EA 956 s o8 1.9 0y
(3 08/72 (3) 05/80
+2.3 .
EA 9414 3%.6 55 2.6 155
(3) 08/72 (3) 05/80
+0.83 +1.38 7.40 +0.70
FM 96U 226 _o 47 23.5 . 3 21.8 3700 22.3 [o'%0
) /7 (5 o172 (5) 01/80 (3) 02/82
+0.76 .4 . -1,
HT 424 21.8 0'gs 2.3 e 2.7 1480 27 3%
6 1/7 ) 01/72 (5) 01/80 (3) 02/82
0.8 : 0. :
HT 435 16,9 105 15.8 1000 1.5 08 150 050
&) N/ (5) 0172 (5) 01780 (3) 02/82
0.83 0.69 a.
HT 435 with 140 oo 1.5 08 1w )9
Adlock 851 ; '
Adlock & 5 1/ (5) 01/72 (5) 01,80
0.48 0.14 <0.15
Solithane 113 2,07 0 "ag 1.73 10" 14 2.28 5" 10
| ) 09/71 @ 12/72 () 01/80
rAII with 0,16 cm (0,063 in.) aluminum adherends (except as noted).
TABLE 5 — MATERIALS EVALUATION - FLEXURE STRENGTH IN MPa,
NUMBER OF SPECIMENS, AND DATE TESTED
Material Baseline 1 Mo /3 Mo Long-Term After lrrad
+4.1 +3.4
Vespel 5P-1 132 40 Nng  _4
) 10/7 (5) 01/80
PC Board w (20 lws Y e I3
Copper-Clad ' ; ‘
pper-e (5) 02/72 (5) 03/72 (5) 05/80
9 +23 2
Adlock 851 407 _g 600 _30 704 44
5) 10/71 & 1/n (5) 04/80




TABLE 6 —

NUMBER OF SPECIMENS, AND DATE TESTED

MATERIALS EVALUATION - COMPRESSION STRENGTH IN MPaq,

Material Baseline 1 Mo/3 Mo Long-1erm After Irrad
Hpol C-d248 | 207 112 1aze T30 | s M
4) 01/72 (5) 02/72 (5) 01/80

TABLE 7 — MATERIALS EVALUATION - 180-DEGREE PEEL STRENGTH IN N/m X |0-3
NUMBER OF SPECIMENS, AND DATE TESTED

’

Material Baseline 1 Mo/3 Mo Long-Term After lrrad
DC6-1106 49 128 2.7 1% 24 3
5y 097 (55 10/71 (5) 05,80
1.22 .22 +0.44
EC-2216 647 1158 3.33 1,00 1.66 0%
(10 07/7 (5) 0180 (3) 05/8
+0.09 +0.01 +0.07
PC Board 0.32 _g s 0.27 _g'05 0.30 _g 03
Copper Peel ny 02/72 (12) 03/72 (20) 0680

TABLE 8 — MATERIALS EVALUATION - HARDNESS, NUMBER OF SPECIMENS,

AND DATE TESTED

Material Baseline 1 Mo/3 Mo Long-Term After Irrad
Vespel SP-1
+0.8 +0.4 +1.8
Rockwell-M 88.2 -1.2 89.6 -2.6 87.2 ~-2.2
+0 +1 +1 +1
Shore-D 86 -1.0 85 -0 87 -1 86 -0
(5) 1w/ 5) /7 (4) 01/80 (3) 05/81

Note: Rockwell-M tester could not be used in situ - Rockwell tests carried out after Shore=D test,

RS
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TABLE 9 — MATERIALS EVALUATION - DIELECTRIC STRENGTH, NUMBER OF
SPECIMENS, AND DATE TESTED

Material Baseline 1 Mo/3 Mo Long~Term After lrrad
Vespel SP-1
_7 +0.1 +0.2 +0.1
V/m (107) 2.7 5, 1.9 o' 1.6 o
5y 12/7 (5 0172 (5) 06/80
Hysol C7-4248
_ +0.73 . .
vimaoh e N1 e TRl so0 9%
(5) 05/72 (5) 06/72 (3) 03/80
Knynar Tubing
- +0.14 +0.13 +0.08
V/m (1074 5.4 o | 278 15 1.89 509
(5) 05/72 (5) 07/72 (5) 03/80
Polythermalese Wire
+1.7 +3.0 +2.2
AWG 20 9.5 1.4 8.7 1.5 143 2.3
KvV
+2.3 +0.4 +0.8
AWG 30 8.8 -1.8 6.8 -0.3 8.7 -0.7
(3) 05/72 (3) 08/72 (3) 07/80
Therm~Amid Wire
+1.8 +0 +0.2
AWG 20 12,7 4.7 7.5 _o.1 N.3 o3
KV
+1.5 0 0.7
AWG 30 8.0 0 6.5 o4 0.8 o'g
(3) 05/72 (3y 08/72 (3) 07/80

TABLE 10 — MATERIALS EVALUATION ~ DIELECTRIC CONSTANT, DISSIPATION

FACTOR, NUMBER OF SPECIMENS, AND DATE TESTED

Material Baseline 1 Mo /3 Mo Long-Term After trrad
Vespe! SP-1 2.94 2.87 2.44 2.52
0.00046 0.00016 0.0013 0.0024
3 12/71 (3) 01/72 (3) 04,80 (3) 03/81
Ecco Foam FPH 1.14 1.095
0.004 0.0077
(3) 06/80 (3) 03/82
Hysol C7-4248 2,997 3.065 3.238
---a- 0.0084 0.0047
(3 12/N (2) 04/80 (1) 03/8
Diall FS-80 3.79 3.43 3.49
0.012 0.002 0.004
(3) 06/72 (3) 07/72 (2) 04,80
Stycast 1090 2,89 2,75 3.17
3 w72 (3) 04/72 (3) 04/80
DC 93-500 2.79 2.76 2.70 1.985
- -—--- 0.0043 0.0026
(2) 12/Nn (4) 03/72 (3) 04780 (1) 03/3
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TABLE 11 — MATERIALS EVALUATION - VOLUME RESISTIVITY IN OHM-CM X IO-”,
NUMBER OF SPECIMENS, AND DATE TESTED

Material Baseline 1 Mo/3 Mo Long-Term After lrrod
Choseol 1224 +3.6 +0.1 +4.7
6.2 4 48 53 9.0 _3y
(3 12/ 3y 01/72 (3) o04/80
Vespe! SP-1 +3.33 +0.13
6.67 _1.67 3.01  _g,27
@ 12/mn (3 oy

TABLE 12 — MATERIALS EVALUATION - THERMAL DECOMPOSITION

Reaction Stage 1 Activation Energy, kcal, (kJ)
Stages in Mechanism in Tempokonge,
Moterial TGA Curve Stage 1 C Baseline Long-Term After |rrad
Solithane 3 a,——»B 25-250 23 (96) | 26 (109)
EA 934 2 a,—> B 25-400 70 (293) 73 (305)
B
HT 424 1 oo’:::c 25-500 11 (46) 18 (75)
Vespel SP-1 1 =T 450-650 86 (360) | 108 (450)
Kapton F, 919 2 a,—> B 300-550 52 (218)
Adlock 851 ] a, — B 250-650 14 (59) 16 (62)
Kynar Tubing 2 9y -——>B 300-450 48 (201)
DC 93-500 3 a,—> 8 25-550 25 (105)
DC 61106 2 g, —* B 25-550 25 (105)
Choseal 1224 1 a,—-»B 330-720 24 (100)
Lucite 1 o,——=B 125-400 43 (180) 42 (17¢) 4 (7))
Nylon 1 o, ~—»B 200-400 65 (272) 46 (192)
Lexan 1 a,—»B 200-500 52 (218) 48 (201)
—»B
2 %= ¢ 140-450 59 (247)
Polyurethane 2 a,—»B 125-250 24 (100) 34 (142)
Polyethylene 3 a, —B 150-400 118 (490)
B
—
GFE 010/049 1 %" ¢ 25-450 23 (96)
—
005/063 ! °°\*C 25-450 23 (%6)
009,/055 1 0==T% 25-450 18 (75)
8
004/044 1 0, % c 25-450 18 (75)
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TABLE 13 — GRAPHITE /EPOXY SPECIMENS [RRADIATED WITH ELECTRONS
AND UV TENSILE TEST DATA IN MPao

Baseline Electron

Sample MPa Irradigtion UV lIrradiation
T-22 258 120 225 126 223 127
T-41 312 140 235 +42 230 159
T-27 330 +18 325 125 305 =+18
T-43 399 161 422 +26 341 +48
1-36 21 £25 242 +32 184 +31
1-35 216 31 256 412 194 +37

Cuange of Weight, LW

C———————— e ——

Temperature =

Figure 1 Schematic TGA Curve with a Two-Stageé Decomposition
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Figure 2. Tensile Strength of HMS/3501-6 after Thermal-Vacuum Cveling
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STRUCTURAL DAMPING OF COMPUSITE MATERIALS FOR SPACE APPLICATIONS
by

Luigi BALIS CREMA, Renato BARBONI, Antonio CASTELLANI
Istituto di Fecnologia Aerospaziale
Via Fudossiana, 16 - 00184 Roma - laly

SUMMARY

A series of expetimental tests carried out on specimens of composite matcerials is presented. The measured damping ratios were
obtained, in a vacuum chamber (10 * torr), from the three first bending maodes resonance (frequency range between 15 and 1400 Hz).
The influence of the following parameters is considered: vibration amplitudes, frequency, air pressure, laminae number and made shape.

The tests are performed with an clectromagnetic exciter and a vibration detector: the measurements of the damping coeffi-
cient 1s worked by the frequency sweep and the decay transient method.

INTRODUCTION

The importance of damping prediction in acrospace composite structures is shown by recent rescarch activities carried out in
this field [1, 2, 3, 4]. As a matter of fact, experience with damping characteristics obtained for metal structures should not be translated
directly to compasite structures.

Actually parameters influencing damping are different and additional effects, peculiar for composite materials, must be consi-
dered. So to-day only a preliminary knowledge of damping properties of composite materials is available.

In the future, essential items will be:

i) extensive tests;

ij) theoretical and semi-empirical models of damping;
iii) correlation of stiffness and damping qualitics;

iv) nonlinear damping.

In this paper a serics of tests carried out at pressure until 10 ¢ torr is discussed; different specimens in carbon fiber and glass
fiber have been considered. The experimental work represents a preliminary investigation to determine the behavior of composite
materials in space environment by using the testing facilities presently available at Institute of Aerospace Technology (University of
Rome).

1. DESCRIPTION OF SPECIMENS

A series of specimens made in compuosite at the Ttalian Industry AGUSTA (Cascina Costa, Varese) has been tested at the In.
stitute of Aerospace Technology to evaluate the damping characteristics.

Two materials have been utilized: carbon fiber and glass fiber, for cach material nine sets of specimens have been used.

In Table 1 the specifications of all the specimens are summarized.

TABLE 1
SPFCIMEN
number of laminae length (mm)
carbon fiber glass fiber
CCL4 GGL4 16 220
CCL2 GGL2 8 220
CcCL1 GGL1 4 220
Cl4 GL4 16 200
CL2 GL2 8 200
CL1} GL1 4 200
CS4 GS4 16 150
Cs2 GS2 8 150
Cs1 GS1 4 150

All the specimens have a width of 15 mm; the nominal thickness for 4 laminac of carbon fiber is 0.75 mm and for 4 laminae of
glass fiber is 0.85 mm.

The specimens named CC—, GG-- are clamped on the two ends, while the specimens named C--, G— are clamped on one end, a8
shown in Fig. 1.

The propertics of the laminates are as shown in Table 2.

The lay-up sequence is, for bath the materials, 0/90/90/0.
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i Fiber volume (% ) | 61 :
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' Elastic modulus (GPa) I P J 10 i
MEASURFEMENT METHOD AND TEST PROCEDURE
' The tesumyg cquipment used 1o evalnate danmiping is composed by the system shown e Fro 2 and consists of the following
mstraments: oscilator vibration exciter, capacitive detector. amplifier and recorder {5, 61,

Fig. 2 Experimental set-up




— —

12.3

The specimen 1s clamped on a mounting, while the electramagnetic exciter and the vibration detector can move along a slide
which is fixed un the same mounting. A frequency range between 2 and 2000 Hz can be examined; a digital frequencymeter and an
oscilloscope allow 10 determine resonant Irequencies correctly. 1t is well known that several difficulties are involved since measure-
wment is influenced by vibration amplitudes, transducers position, clamping pressure, specimen characteristics, and so on.

Expeniments have been carried out making any possible effort to maintain identic d conditions, in order to obtain repetitive
and comparable results; particular attention has been given to keep comparable vibration amplitudes.

Non dimensional damping coefficients vs. specimen vibration amplitude (peak-peak) w, normalized to the specimen thickness
h, are reported in Fig. 3, which refers to normal test conditions; it can be noticed that the vibration amplitude has no effects in wor-
king conditions selected.

.3 © CL4 p=10* torr
510 a CCL2w= 760 =
B v w=510% «
& GL4 wax 760 -
2 W %
0 —— 08— — —8————
W a A A
—0 ———0——0 —— —
o r r ¥ -
0 5 1. 15 w/h 10

Fig. 3 — Damping coefficient versus w/h

The tests are carried out in the vacunm chamber available at the Institute of Acrospace Technology: its diameter is 457 mm
and its height 762 mm.

3. EXPFRIMENTAL RESULTS

A scries of tests referred to the excitation of the first bending mode, has been made in the frequency range between 15 and
400 Hz and the damping cocfficients versus pressure are reported in Fig. 4 to Fig. 9. The pressure range is from 760 torr to 107 ¢ 1orr
to simulate, as possible, the space conditions.

The “igs. 4 and 5 refer to une laminate specimens, the Figs. 6 and 7 to two laminate specimens, the Figs. 8 and 9 to four la-
minate spec..acns.

A serics of tests referred to the excitation of the second bending mode has been made in the frequency range between 90
and 600 Hz. The experimental results are prescnted in Figs. 10 and 11, respectively for carbon fiber and glass fiber specimens.

Finally in Figs. 12 and 13 the results referred to the excitation of the third bending mode are reported.

4. ANALYSIS OF RESULTS
As pointed out before, the present rescarch is the first step to evaluate the damping properties of composite materials in space
environment.

In the above tests the pressure and frequency effect was investigated, while the temperature effect shall be considered in future.

- Pressure effect: Figs. 4 to 13 show a decrease of damping coefficient versus pressure from atmospheric pressure to 10~ ¢ torr.

This effect is more relevant for the thinner specimens that get to a decrease until the 25 per cent of the value at the atmo-
spheric pressure.

The numerical values of this decrease are shown in Figs. 14 and 15, respectively for carbon fiber and glass fiber, where {/$s
ratio ($4 is the damping coefficient at the atmospheric pressure and § is the damping value obtained at 10~
frequency is reported.

¢ tor7 pressure) versus
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‘The pressure vanation causes also a frequency shift.
The frequency increase with the pressure decrease, due to the aerodynamic effect is shown in Fig. 16, where the Af/f ratio
(At is the frequency increase and f is the frequency at 107 8 torr pressure) versus frequency is reported.

Frequency effect: In Figs. 17 and 18 the damping coefficients, for the two materials, in the first bending mode, versus frequency (in
the 15 and 400 Hz range) are shown at 10° 8 torr pressure.

‘ 4f 10? o glass 1
1 f 0 " 2
‘ ¥ N 4
® carbon 1
" " 2
.84 A " 4
.64 d
o ®
t
44 0] o] i
Y .
.2-1 A ‘ ‘
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o v v y v - —
0 30 60 90 120 150 ¢ (Hz)

Fig. 16 - Af/f ratio vs. frequency

It appears that frequency effect on the damping cocflicient is less remarkable for the glass fiber, while the carbon fiber damping
coelficient increases, at least for a first range (about unul 200 Hz), according to a nearly hnear trend.

1
| The test analysis shows that the damping coefficient for the carbor fiber is, for the whole range of imestigated frcquencies, 1
i lower than the damping cocfficient for the glass fiber. !
‘ A comparnison with results obtained in previous test. {6, 7] on aluminium alloys specunens shows that, at least for the car- I

bon fiber here emploied, the damping coefficient is also lower for carbon fiber than for alumimium alloys (Fix. 19).
These values can suggest a correlation between damping cocfficient and stiffness characteristics (Fig. 20).

Mode effect: in Figs. 21 and 22 (at 10™ ¢ torr pressurc) damping coefficients versus frequency for the three first vibration mo
des are shown,

It appears that the mode effect on the damping coefficient for the carbon fiber is a significant increase versus mode order, !
ssmilarly to the frequency effect; for the glass fiber these effects are less remarkable.

5. CONCLUSIONS

! The analysis of the results obtained for glass fiber and carbon fiber specimens shows that it is possible to get symificant data by
‘ means of normal test facilities,
For a development of the study on compusite materials damping characteristics in space environment it needs to foresee further
investigations, namely:
1) evaluation of the temperature cffect in the vacuum;
1) effect of the laminae orientation;
i) investigation in fow frequency range (K 5 Hz);
n)  extensive tests on the cffect of the mode order;
vi  predictions of effective mechanical propertics and structural response in terms of constitutise property of the phases. i

‘The presented and proposed damping tests 1epresent an attempt of collecting experimental data with the aim of getting a
prediction of structural damping in acrospace composite structures.
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SILICON SOLAR CELL CHARACTERIZATION AT LOW TEMPERATURES
AND LOW ILLUMINATION AS A FUNCTION OF PARTICULATE IRRADIATION
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SUMMARY

Various configurations of Back Surface Reflector silicon solar cells including small (2 x 2) cm and large (~6 x &) cm
cells with conventional and wraparound contacts have been subjected to 1 MeV electron irradiation and characterized
under both earth orbital and deep space conditions of temperatures and illuminations. Current-Voltage (I-V) data were
generated from +65°C to <150°C and at incident iltuminations from 135.3 mW/cmé to 5.4 mW/cm2 for these cells. Deg-
radation in cell performance which is manifested only under deep space conditions is emphasized. In oddition, the effect
of particle irradiation on the high temperature and high intensity and low temperature and low intensity performance of
the cells is described. The cells with wraparound contacts were found to have lower efficiencies ot earth orbital conditions
than the cells with conventional contacts.

INTRODUCTION

Solar cells, the most critical and costly components of solar arrays, will have long life requirements in the space
structures of the 1980's and 90's. Cost and space environmental durability of these cells are major concerns. Much
emphasis is being placed on reducing costs through development of large cells (~6 x 6) cm which, in addition to being
produced almost as cheaply as smaller cells, reduce array complexity and corserve array area and volume through efficient
packing. Space environmental durability of solar cells has always been o critical issve with high end-of-life efficiencies
desirable. In the last several yeors silicon solar cell technology has concentrated on improving cell efficiencies and
radiation resistance by incorporating into the ce!l design such features as back surface tield (BSF), back surface reflector
{BSR), shallow junction, textured surface, reduced thickness, and new /improved covers and antireflective (AR} coatings.

Both solor cell deign and performance differ depending on the cell's application to earth orbit or deep spoce
missions. In earth orbit cells must accommodate high temperatures and high intensities in addition to more intense solar
particle irradiations. Nominally earth orbital environments are considered to have an intensity of one solar constant
(135.3 mW/cm?) and to produce temperatures ranging from +50°C to +80°C in operctional cells. In deep space near
Jupiter's orbit where temperature and infensitg are low, incident illumination is as low as 0.04 solar constant (5.4 mW 'cmz)
and ombient temperatures are =120°C to -160°C. Each of these regions imposes operational difficulties on cells. High
temperatures reduce cell voltage output and high intensities can lead to problems with series resistance, Low temperatures
and low intensities (LILT) require a cell to have high junction perfection since shunt resistance can deminant performar.ce
under these conditions, Solar cells manufactured for space use to date have been designed for earth orbital epplications.

Deep space missions requiring solar array power have been considered twice in the last fifteen years. A proposed
Jupiter mission in the lote sixties resulted in the identification of several performance problems in cells not detectoble
under earth orbital conditions but present under LILT conditions. In 1979 at the time when solar electric propulsion was
being ¢ onsidered for a series of earth orbital/near sun and deep space missions, the Materials and Processes Laboratory at
the Ma.shall Space Flight Center began an extensive program to characterize state-of-the-art silicon solor cells to
determine which cells possessed the best characteristics for deep space performonce. Current and voltage data were gener-
ated on nine types of cells exposed to 9 intensities and 11 temperatures taken along o mission profile from earth orbit to
deep space. These investigations showed that while o few of the LILT cell problems identified earlier were not present in
the current cells, several severe performance problems exist in these cells and to some extent are peculiar to cell types.
Further, these studies revealed the 2 ohm—cm Back Surface Reflector shallow junction cell to have the best yield and least
problems at LILT. An attractive feature of this cell type is that it is one of the least costly.

This paper describes the extension of the previous work: the evaluation of the 2 ohm-cm BSR shallow junction cell
in the 2 x 2 cm size and in the lorge cell size with conventional and wraparound contacts at LILT and earth orbital con-
ditions prior to and following various levels of 1 MeV electron irradiation,

TEST PROGRAM

The BSR 2 ohm~-cm silicon solor cells investigated are described in Toble |, These are production run cells purchased
from Applied Solar Energy Corporation, The 2 x 2 cm cells represent 1980 technology cells while the large area cells are
late 1981 cells. The testing and evaluation of these cells occurred over a 14 month period. Some of the cbjectives of the
2 x 2 cm cells evoluation were different from those of the large cells and ore reflected in the test matrix in Table Ii.
However, data were generated ot sufficient test conditions to provide cell performance comparisons. Most of the analysis is
presented for the large cells since they are currently of more irterest,

Cell characterization was performed utilizing a Spectrolab X-75 solar simulator. The spectral content of this
simulator over the wavelengths of interest (~300- 1200 mu) is within @ 5% match fo the solar spectrum. A standard cell
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was maintained in the cell vacuum test chamber at 28 +1/2°C to monitor incident intensity. Neutral density filters were
used to vary illumination intensity, During measurements ofzce“ current-voltage parameters the cell temperature was
controlled to + 1/2°C. Illumination uniformity over 230 cm® was within +2%.

Exposure of the cells to 1 MeV electrons was accomplished with a 2.5 MeV Van de Graaff accelerator. Cells
were maintained at 25 + 2°C during irradiation in vacuum, A Faraday Cup was used to determine incident flixes e 1d
fluences of ele trons on cells,

DISCUSSION OF RESULTS
Earth Orbital Characterization

Earth orbital performance at +25°C of the three series of the BSR 2 chm-cm unirradiated cells are described in
Table 111, The:e production run cells which provide power densities of 17- 18 mW/cm2 under an Air Mass Zero (AMO)
specirum consistently have efficiencies of 13+ percent. The wraparound contact (WAC) version of this cell is ar excep-
tion with some cells having efficiencies as low as 12.4%, Series resistance ranging from about .02 to .05 ohm were
measured in the WAC cells under these high intensity conditions. Current densities of about 33- 34 mA/cm* at the maxi-
mum power point result in a voltage drop of about 55 mV across the series resistance and reduce the maximum power
ovoilable. No defects such as cracking of the dielectric materia! or poor coverage of the contact metallizarion on the
wraparound edge were detected, While the WAC cells have high open circuit voltage (603 mV average) and short circuit
current (1337 mA average) their fill factors are reduced (.75- .76) to o '1rge extent by this series resistance. Averoge
short circuit current densities of 37- 38 mA/cm2 in all of these 8- 10 mils (.020~ ,025 cm) thick cells are indicotive of
the effectiveness of the shallow junction, BSR and minimum defect silicon,

Temperature coefficients of Short Circuit Current (ISC), Open Circvit Voltage (VOC) and Maximum Power (MP)
prior to and following 1 MeV electron irradiation are shown in Tables IV and V (temperature coefficient dato were not
generated on the small cells following irradiation). The voltage temperature coefficients of -2.1 to =2.2 mV,/°C remain
unchanged for both the unirradiated and irradiated cases from -100°C to +80°C. Data obtained by others on small area
2 ohm-cm cells have shown similar results over the temperature range from -20°C to +40°C. Positive changes in current
with temperature showed slight deviations from linearity over the entire range evaluated, As a result coefficients were
generated above and below -25°C prior to irradiation. Coefficients were slightly larger above +25°C except for an un-
explained decrease in the coefficient of the small area cells. The normalized values of d1SC/dt were found to be .04 to
.06%/9C in the large cells which is similar to that found in other unirradiated cells. These cell current variations with
temperature are attributed to temperature variations of the absorption coefficient and minority carrier diffusion length.

The small variations of current coefficients above and below +25°C could not be separated from the irradiation
effects. Thus only one coefficient was generated for the full temperature range aiter each irradiation. These temperature
coefficients of current increase dramatically with irradiation by a factor as large as 2.5 for 1 MeV electron fluences to
2.6 x 1014 " /em2. These increases are a result of irradiation caused changes in minority cerrier diffusicr lengtt .

The large and negative values of d VOC/dt determine the trend of the maximum power coefficient to large negative
values. The magnitude of these values are influenced by the current capabilities of the cells. Nomalized values were
approximately - .4%,/°C for the unirradiated large cells and =.3%/°C and -.5% °C above ond below +25°C, respectively,
for the small cells. Maximum power coefficients of the large cells decrease by about 15% from the unirradiated condition
to | MeV fluences of 2.6 x 1014 e"/cm2. These decreases are a result of changes in minority carrier diffusion length
reflected in reduced current output. Figure 1 shows a plot of normalized values of VOC, ISC and MP as o function of
1 MeV electron irradiation with characterization at 1 solar consrunt/+25°C. At 1 x 10{4 e‘/cmz, the VOC, ISC and MP
parameters of the large cells are reduced by approximately 2%, 6.5- 8%, and 8- 9.5%, respectively. At 2.6 x 1014
e~/cmZ, these parameters are decreased by about 4%, 11-12% and 16- 179%, respectively, Current and maximum power
reductions were less for the small cells even though they were nominally .0005 em (2 mils) thicker, These decreases in
cell electrical parameters were gradual changes as a function of irradiation. No discernible change in series resistance
with irradiation was noted in the WAC cells. A five year mission of o space platform would be expected to accumulate
cell radiatior equivalent to about 1 MeV electron fluence of 1 x 10 e~ /cm<,

Under earth orbital conditions these BSR 2 ohm=-cm cells behove similarly. The performance characteristics of the
WAC cells show o small series resistance which reduces the power output. In addition there is wide variability in the out-
put of the WAC cells due mainly %o @ spread in current output. This is reflected in the cell efficiences which vary from
12.4 to 13.4%.

Low Intensity Low Temperature Characterization

The operationa! problems of solar cells are more severe under deep space conditions of fow temperature and low
intensities than under high temperatures and intensities. Our previous investigations revealed two major performance
problems ot LILT in nine types of cells. These are: (1) the double slope, flat spot or non-ohmic shunt in Back Surface
Reflector cells and (2) the ohmic shunt peculiar to the Back Surface Field cells, Plots of cell current-voltage curves
(Figure 2) show examples of these problems which are manifested only under LILT conditions. The BSR 2 chm-cm cells
investigated here indicate approximately 50% have the non-chmic shunt defect which results in reduced current and
voltige output around the performance curve maximum power point. The reduced cell performance resulting from this
defe ct begins to appear as the temperature is lowered below 0°C at low illuminations and becomes more pronounced as
tem :eratures and illuminations are further reduced. No additional LILT problems were observed in the performance of
these cells., Comparative evaluations of these cells are provided at LILT conditions of 0.086 solar constant (11.6 mW/cmz)
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and -100°C since this is an environmental condition at which spacecraft on deep space missions would spend considerable
mission time.

Deep space electrical characteristics are shown in Tables VI, VII, VIl and in Figure 3. Short circuit current out~
puts we: s proportional to incident illumination which is characteristic of good cells and open circuit voltage shows increases
with decreasing temperature at o rote of -2.2 mV/°C which is typical for 2 chm-cm cells. Reduced output in these cells
is reflected in the variability of the maximum power values and in the efficiencies ond is associated with the non-ohmic
shunt problem. Cell MP outputs were reduced by as much as 30% as a result of this LILT problem. The flat spot effect
responsible for these reductions has been determined to be caused by localized defects in the front metallization in which
highly conductive metal-silicide regions extend through the junction to the base region of the cell, This defect is con-
sidered to be brought about during the processing of the cell metallization.

The changes in temperature coefficients as a function of irradiation under LILT chaorocterization varies somewhat
from those generated at earth orbital conditions even though the temperature ranges covered are approximately the same .
Current coefficients which are low simply by virtue of the low illumination show an increase with irradiation by a factor
of only 1.5 for 1 MeV fluences to 2.6 x 1014 e=/cm®. Further, a slight increase in the voltage coefficient with irradia=
tion was noted. Maximum power coefficients decrease with irradiation similor to those seen at earth orbital conditions;
the spread in these data is attributed to the magnitudes of the flat spot phenomena in the cells. Normalized parameters
for the large cells shown as o function of irradiation indicate degrodation of VOC, ISC and MP at 1 MeV electron fluence
of 1 x 104 e~ /cm? to be 1.5%, 9.5% and 10%, respectively. Ata higher Fluence of 2.6 x 1014 e~ /cm? these values
are decreased to 2%, 14% and 17%, respectively.

CONCLUSIONS

The capabilities of the three types of cells investigated in terms of photoconductivity (current density) and devel-
oped voltage generally were as expected from production run cells. However, some of the WAC cells had high open
circuit voltage output (607 mV) at 135.3 mW/+25°C. The performance spread of the WAC cells was large with efficiencies
ranging from 12.4% to 13.4% under earth orbital conditions; small series resistance contributed to some reduced output in
these cells. The LILT flat spot performance problem identified earlier in BSR cells was found in the large cells in approxi-
mately the same severity and percentage of affected cells.

The large cells showed less resistance to 1 MeV electron irradiation than the 2 x 2 cm celils in rerms of decreosed
current and maximum power output, The degradation shown by normalized current-voltage parameters as a function of
irradiation is equal or slightly greater under LILT conditions than under high temperatures and intensities. The percentage
change in current-voltage temperature coefficients with the exception of voltage wa: less at LILT conditions. Possibly
some synergistic effects involving characterization temperatures, particle irradiagtion, LILT and high temperature and inten-
sity performance defects and large area, highly doped silicon wafer metallurgy are responsible for the differences in
normalized cel! electrical parameters and temperature coefficients found at the two space environmental conditions
addressed here. Characterization of considerably more large cells is required to substantiate these differences.
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Junction Depth

Contacts

Grids

Cover Glass

Grade of Cell

Back Surfoce Reflector

Cover Glass Adhesive

Shellow
(0.15t0 .25 . m)

Shallow
(C.15 40 0.25 .m)

TARLE | — BSR 2 CHM-CM TEST CELLS DESCRIPTICNS
Cell identification (2 x 2)em (5.7 x 5.4y em (5.5 «x 5.9)em
Nurber of Cells 22 6 4
Type 1P BSR NP “3R N/P BSK
2 ohm-em 2z ohm-cm 2 ohm-cm
Thickness L025 em (10 mils) .020 em (8 mils) .020 ¢ (8 mil.)

Shallow
(0.15 t¢ .25 . m)

Ti-Pd-Ag Ti-Pd-Ag Ti-Pd-Ag
Aluminum Aluminun Aluminum
Fine Lire Fine Line Fine Lire
13/15)
FS €.35 Cut~on FS 0.35 Cut-or FS 0.35 Cut-on
L015 cm 16 mil) MNSem 6D C.Q15 cm (6 mil)
DC 93-300 DC 93-50¢C DC 93-500

Preductior Run

Producticn Run

Production Run

(5.9 x 5.9) cm

25°¢C, 0°c, -50°C,
-100°C
0.174 SC/-50°C,
0.086 SC/+25°C, -100°C
0.040 SC/-150°C

TABLE 1! — CELL TEST MATRIX
Cell
Exposures Cell Characterization 1 M~/ Electron liradiation
Cell 1.D. Intensity (SC)/ Temperature °c) Fluerces (™ /cm*®)
2 x 2) cm 15C/+50°C, 25°C, 0°C 1x10'2, 1.1 % 10"3, 6.1 x 103, 1,61 x 10",
0.174 SC/-50°C, 6.6 x 10'4, 1. c6 x 10'5, 2.66 x 1015
0.086 SC/-100°C,
0.040 SC/-150°C
(5.7 x 5.4y em  15C/+80°C, 65°C, 55°C, 1x10'3, 6 x10'3, 1.2 x 104, 2.6 x 10'*




TABLE Il — CELL PARAMETERS FOR BSR 2 OHM-CM UNIRRADIATED CELLS

AT 1 SOLAR CONSTANT (135.,3 mW/cmz)/+25°C

Cell Cell I.D. (2 x 2)em 5.7 x 5.4)em (5.9 x 5.9 em
Parameters Conv C Conv C WAC
1sC 2 38.3 37.5 38.4
Density, mA/cm [37.8 - 39.6} [36.7 - 38.0 {37.2 - 39.3)
Avg. VOC 596 597 603
[589 - 602] [592 - 599] {599 - 607
MP 2 18.0 18.2 17.6
Density, mW/em”® {17.6 - 18.5) [17.9 - 18.6] [17.4 - 18.2)
Fill Factor [.78 - .80) [.80 - .81) [.75 - .76]
Avg. Efficiency 13.3% 13.3% 12.9%
[12,9 - 13.5] [13.1 - 13.7 (12.4 - 13.4]

TABLE IV — AVERAGE TEMPERATURE COEFFICIENTS® FOR BSR 2 OHM-CM
UNIRRADIATED CELLS AT HIGH INTENSITY (135.3 mW/cmz)

4

Cel Cell Type (2 x 2 em (5.7 x 5.4) em 5.9 x 5.9 em
Pgrameter Conv C Conv C WAC
Current:
d1sC, mA/°C .160 .59 .56
dt -.09 .67 .73
d15C Jar’ %/°C .10 .05 .04
1sC, -.06 .06 .05
Voll‘ag:
dvocC, mv/°C -2.2 -2.1 -2.1
dt
Power:
dMP, mw/°C -2 -2.1 -2.3
dr -.38 -2,2 -2.7
)
dMP/d,,%/ C .5 4 4
MP -3

Reference parameters taken at 25°C.

* Coefficients on 2 x 2 cm cells determined from 0°C to +25°C ond +Sg°to +25°
Coefficients on large cells determined from -100°C o +25°C and +80°C to +

25°C.




TABLE V ~ TEMPERATURE COEFFICIENTS. FOR LARGE BSR 2 OHM-CM CELLS AT

HIGH INTENSITY (135.3 mW/cmz) AS A FUNCTION OF 1 MEV
ELECTRON [RRADIATION

Cell d1sC, mA/°C dVvOoC, mv/°C dMP, mW/°C
Parameters dt dt dt
Electron Fluence Conv C* wact Conv C WAC Conv C WAC
Unirradiated .50 to .47 .38 to .72 2.1 -2.0 to0 -2.3 -2.1 to =2.3 -2.6 to ~2.7
1 x 10'3 e~ /cm? 5210 .67 .38 to .71 -2.1 -2.0 to 2.1 -2.0 10 -2.1 -2.4 to -2.6
6 x 1013 & fem? 6510 .70 .56 to .90 -2.1 -2.1 -1.9 t0 2.0 -2.3 to -2.5
1.2 x 104 e /em? 5810 .76  — to .99 -2.1 -2.1 “1.8 10 2.1 — 1o -2.2
2.6 x 10 e /em? 8510 1.05 .91 10 .96 -2.1 -2.1 1.7 1.9 2.2 t0-2.4

* Coefficients determined from - 100°C to +80°C; Reference parameters taken at -100°C.
* Conventional contaets cells {conv c) have areas ~(5.7 x 5.4) cm,
Wraparound contacts cells (WAC) have areas~(5.9 x 5.9) cm.

TABLE VI — CELL PARAMETERS FOR BSR 2 OHM-CM UNIRRADIATED CELLS

AT 0,086 SOLAR CONSTANT (11.6 mW/cmz)/-IOOOC

c Cell 1.D. (2 x 2)em (5.7 x 5.4) cm (5.9 x 5.9) cm
e
Parameters Conv C Conv C WAC
15C 3.3 3.1 3.1
Density, mA/cmé (3.2 - 3.5 (3.0 - 3.1] 3.1 - 3.2)
Avg. VOC 817 813 816
(811 - 822 (810 - 814) (807 - 822)
MP 2.3 1.7 1.9
Demsity, mW/em? 2.1 - 2.4] (1.4 - 1.9] 1.8 - 2.1]
Fill Factor [.78 - .88) [.56 - .75] [.70 - .79
Avg. Efficiency 19.6% 14.8% 16.3%
{18.2 - 20.4) (1.6 - 16.2) (15.0 - 17.8}




TABLE VIl — AVERAGE TEMPERATURE COEFFICIENTS’ FOR BSR 2 OHM-CM
UNIRRADIATED CELLS AT LOW INTENSITY (0,086 SC/11.6 mW/cm2)

Cell Cell Type (2x 2)cem (5.7 x 5.4) em (5.9 x 5.9) em
Porometer Conv C Comv C WAC
Current:
dISC, mA/°C .01 .04 .05
dt
disc , ., %/°C .06 .04 .04
isc /4
r
Voltage:
dvocC, mv/°C -2.,2 -2.2 -2.2
dt
Power:
dMP, mw/°C -.02 -.08 -.15
dt
dMP, ,%/°C -.24 -.19 -.25
mp

r

*Coefficients on 2 x 2 cm determined from -150°°C o -25°°C.
Coefficients on large cells determined from -100°C to +25 C.
Reference parameters at lowest temperature.

TABLE VIl ~ TEMPERATURE COEFFICIENTS® FOR LARGE BSR 2 OHM-CM CELLS AT
LOW INTENSITY (11.6 mW/cmz) AS A FUNCTION OF 1 MEV
ELECTRON IRRADIATION

; d15C, mA/°C dvocC, mv/°C dMP, mw/°C
arameters —ar —dr dt

1 Electron Fluend Corv C' wact Conv C WAC Corv C WAC
Unirradiated .04 .05 -2.2 -2.2 -.0310-.12 =-,14 t0 -,16
1x10%¢ /em? 0410 .05 .04 to .05 -2.25 -2.2 -0 10 =11 -.14 to-.15
6 x 10'° e /em? .06 .06 -2.25 -2.3 <0310 -.10 <-.i12to-.15

: ‘ .

! 1.2 x 1014 ¢~ Jcm? .08 — -2.3 — -.04 1o -.10 —

‘ 2.6 x 1014 ¢~ fcm? .06 .07 -2.37 -2.310-2.4 ~-.041t0-.10 -.101 -.13

5 ¥ Coefficients determined from ~100°C to +25°C; Reference temperature is -100°C,
) Conventional contact cells (conv c) have areas~(5.7 x 5.4) em.
¥ Wroparound contact cells (WAC) have areas~(5.9 x 5.9) cm.
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THE EFFLCT OF SPACE ENVIRONMENT
ON THE DAMPING OF POLYMER MATRIX COMPOSITES
by
R. C. Tennyson, W, D. Morison and G. E. Mabson
University of Toronto
Institute for Aerospace Studies
4925 Dufferin Street
Downsview, Ontario, Canada
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SUMMARY

A combined cxperimental and analytical investigation has been undertaken to evaluate material damping
of laminated composites. FParticular emphasis has been given to the effect of thermal-vacuum exposure and
U.V. radiation on the change in damping response. A laminate -analysis was developed for predicting mate-
rial damjing utilizing experimentally determin ' 'principal' damping coettficients. Results are presented
based on flexural vibration and creep compliance tests performed on graphite/epoxy laminates at ambient
conditions and in a space simulator.
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1. INTRODUUTION

The recent successful flights of the space shuttle usher in an age in which very large scale structures
. mav be constructed in space.  Because the useful lifetime of such structures must necessarily be quite long,
! the materials used will have to withstand the space environment for decades without severe degradation.
‘ lolymer matrix fiber reinforced composites are among the leading cradidates for use in these space struc-
tures because of their high strength and stiffness-to-weight ratios and because of the possibility of
designing dimensionally stable structures. Unfortunately, the organic components of these materials are
potentially much more sensitive to many space environmental factors than are metals.

(ne aspect of composite design that has rcceived little attention in the literature is that of optim-
izing material damping. From a structural dynamics viewpoint, material damping plays an important role
in assessing cyclic stresses, fatigue life, oscillatory amplitudes and decay times. For some spacecraft
applications, damping will be essential to ensure successful stabilization of large flexible appendages.
In a8 recent report on passive damping mechanisms in large space structures [1], it was noted that for
‘beam' tvpe configurations it might not be possible to stabilize all flexural modes without using struc-
tural damping, except by the judicious co~lecation of sensors and controls. Clearly such devices lead to
weight penalties and may well be impractical for very large structures.

Although a large body of literature exists on material damping (see Refs. 2 and 3, for example), it
1 would appear that the most successful models are those which approach the problem phenomenologically -
that is, damping is viewed macroscopically as the result of a number of unknown micromechanical processes
whose net effect can be characterized. Specifically, in terms of viscoelastic composites, a variety of
‘ methods have been taken with varying degrees of success.

In 1968 Schultz and Tsai [4] reported the results of dynamic moduli and damping ratio measurements
of unidirectional glass-reinforced epoxy. Although a simple Bernoulli-Fuler beam subject to an external
damping stress was introduced as an artifice to aid in interpretation of the data, the "model" was based
on laminate constitutive relations. A complex modulus representation of the dynamic response was intro-
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duced and 1nvariants of the compliance mitrix used to predict modulus values of one laminate based on

! three other cxperimental values. Moduli were predicted to within approximately 5 percent; however, the

' transtormation of damping ratios achieved accuracies of only 14 to 32 percent. Further work [5] involving
3 gquas:-1sotropic laminates tailed to improve the accuracy of the damping predictions.

fn 1970, Hashin [0,7] developed a model for the complex moduli of both particulate and fiber rein-
forced materials, Using rigorous expressions for effective material constants, upper and lower bounds on
complex quantitics were derived using a correspondence principle. This principle related elastic material
: propertivs to complex material properties. Although the method gave an accurate prediction of modulus,
F fer the one example guoted, the mathematics are made cumbersome by the requirement of a knowledge of the

geometry of the phases in the composite and the need for rigorous expressions for effective material pro-

perties.  Furthermore, an assumption of locally homogencous stress and strain fields for the purpose of
reliating stress and strain on a macroscale renders predictions invalid outside of a certain frecuency
range.  This latter problem is a severc impediment it one wishes to express the lo:s tactor in the pre-
ferred notation of the frequency domain.

In 1972, Abarcar and Cunniff [8) conducted experiments involving the vibration of unidirectional
graphite-epoxy and boron-epoxy beams. A lumped mass approximation to the orthotropic beam vibration was
. used to predict natural frequencies for bending and twisting modes. Very good agreement was achieved in
predicting the frequencies; however, no extension to comwplex moduli or loss factors was made.

W

In 1973 Adams and Bacon {9] published a theory for material damping based on the laminate constitutive
‘ relations. The theory arrives at an expression for the damping in a general state of stress/strain for a
laminate in terms of the specific damping capacity (ratio of energy dissipated to the strain energy per
cycle). The advantage of this approach is that the damping is viewed 25 being a function of two normal
in-plane damping components and one shear damping component. Thus, the damping is geometry indepundent.
Comparison with experimental results for free flexure/torsion tests on unidircectional beam specimens gave
F good agreement with complex modulus values, but only fair agreement with damping predictions. Experimental
technique was reported to be the main difficulty. However, further eaperiments with (¢ 3) and cross-ply
laminates failed to improve the accuracy of the damping capacity predicticns.

In 1975 Paxson [10] conducted transverse beam vibration tests on boron reintorced plastic. The phase
lug between root and tip displacements of cantilever beams was used to compute complex moduli and resonance
curves were plotted. Values of the loss factor were comparcd using the bandwidth, log decrement and ratio
of loss to storage modulus methods. However, the agreement was poor and the results rendered inconclusive,

In 1976 Gibson and Plunkett [11] used an extension of the method ot Hashin to coepare theoretical
predictions of loss and storage moduli to experimentally derived values. Due to a combination of analytical
und experimental weaknesses, prediction of loss moduli were in error by 50-80%, although storage moduli were
in good agrcement. The values of the loss factor were not computed (thev would be at least as much in error:
although a strain level dependence was reported.

In 1979-1982 Morison and Bjarnason [12-14] conducted beam vibration experiments in-vacua using a free
vibration decay technique. Log decrement values were compared to predictions from a modified version of
the theory of Adams and Bacon. Fairly good agrecment was achieved despite using static values of material
properties 1n the analysis. These results were also reported by Tenny:on [15,16].

In 1980 Bagley and Torvik [17] introduced a model of viscoclastic Jamping based on a fractional cal-
culus approach. Since viscoelastic properties are, in general, proportional to fractional powers of time
or stress, a finite clement (FE) dynamics model of a damped structurc was derived on that basis. Agreement
between FE predictions and experiment was quite reasonable; however, the model encompasses only isotripic
viscoelastic materials at present.

As far as environmental influences arc concerned, extensive effort has been directed recently towards
determining the effects of temperature, moisture and frequency on the Jdamping of graphite/epoxy laminates
[18}. tHowever, little has been published regarding space environmental effects. _The rclevant parameters
of interest include outgassing resulting from exposure to hard vacuum (107% A 1077 torr), thermal-cycling,
' and radiation (U.V. and high e¢nergy electrons).

Thus, the present investigation has three objectives in mind:

- development of a composite laminate damping modcl;

- experimental validation of model;

- determination of the effect of space environment exposure
on composite damping paramcters.

Other internal dissipation mechanisms such as joints and bearings are not considered. It might be noted
though that the analysis procedure can also be applied to 'constrained viscoelastic layers' that are often
utilized for damping purposes [3].

2. LAMINATE DAMPING ANALYSIS

Although several experimental techniques are available for characterizing a material's damping response
13), analytical methods are required to determine the damping behaviour of arbitrary laminated structures.
fme approach involves a finite element solution for the dynamic viscoelastic responsc of the composite
stn cture , from which modal damping factors and frequencies are obtaincd (see Ref. 20, for example). In
this case, test data are necestary to construct the appropriate viscoelastic model.

Another an lytical model can be formulated in terms of a matrix of 'damping coefficients' derived from
strain energy considerations [9]. This method yields a direct solution for the specific damping capacity

L= - e w—— eSSy
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(SDC) ¢ for any laminate in terms of lamina material properties [see Eq. (A-14), Appendix A]. It shouid
be noted that the SUC can be readily replaced by other commonly used damping parameters such as the logar-
ithmic decay rate, defined by § = {/2, or the loss factor, n = ¢/2n.

Une of the simplest cases to investigate experimentally is that of flexural vibration. Thus Eq. (A-14)
can be reduced to Eq. (A-18). For transitory decay of free vibration, the logarithmic decrement is fre-
quently used. The definition of log Jdecrement inherently assumes the damping has no strain dependence or,
at best, allows that damping be defined as a function of an initial value of strain. Using Eq. (A-18), the
SbC can be rewritten in an experimentally useful form — the log decrement in free flexure,
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The ¢;; are referred to as the *fundamenta!® log decrements.

It can be shown that Eq. (1) can be expanded in the form,

22%22 * ¥e6%0 )
where the Ki; arc cocfficients dependent upon laminate geometry and material elastic properties. Clearly,
for a given {aminate. Eq. (3) is linear in four unknowns with constant coefficients. Provided that the Kjj |
are well behaved functions of laminate configuration, a set of four equations like Eq. (3) is sufficient to
establish the values of the 8jj. Furthermore, if the &ff and Kjj are known functions of some variable,
such as frequency, temperature or moisture content, the dependence of the $§jj on the independent variable
is also defined. This formulation was used to predict composite material damping for several environmental
conditions.

Spp = Kpfyy * Kty ¢ K

Viscoelastic creep tests can also be employed to obtain the principal damping parameters by means of
the complex compliance functions. These values immediately yield the loss factor (n) which is given by the
ratio of the (imag./real) parts. However, because of the relaxation times involved, data are usually ob-
tained over a low frequency range (f £ 0.1 Hz). Moreover, from an analytical viewpoint, considerable
effort is required since the creep compliance functions $(t)} must first be derived from experimental
strain/time data. For example, assuming linear viscoelastic behaviour, the strain at any time 't' (after
removal of a stress '0o' applied for some time 'tg') is given by,

N -t/t.p -(t /7))
1 (o) 1
o e(t) = o ileie e -

1

! (4)

i where S(t) is assumed to have the form

N -t/Ti
$(t) = s, + [S.e (5)
i=1
Based on experimental e(t) curves, a collocation solution is used to calculate the S; values. Both the

collocation times (tj) and the time constants (1j) were selected at one decade intervals. The following
system of linear equations results;

N “t./t.( -t /T, e(t) - e,
1se J ‘le o1 1] . j=1,...N (6)
i=1 o

It then remains to trunsform from the time domain to the frequency domain to obtain the complex creep com-
pliances. Further details of the analytical procedures can be found in Ref. 20.

3. MATERIAL DAMPING EXPERIMENTS

The objectives of the experiments were: (i) to validate the laminate damping model; (ii) to evaluate
the effects of space environment using ground based simulators.

In meeting these objectives, three types of experiments were conducted: (i) cantilever plate driven by
‘ a heterodyne system sweeping through the frequency domain, up to five modes; (ii) cantilever plate subject
to step loading, transient decay at fixed frequency; (iii) axial creep compliance tests, low frequency
spectrum.

3.1 HETERODYNE ANALYSER TESTS WITH CANTILEVER PLATES

To properly characterize the vibration response, a variety of 4-ply balanced symmetric laminates were
selected for testing. The specimens were manufactured into plates, nominally 17.8 cm long by 5 cm wide

and 0.5 mm thick. Since all samples could not be fabricated in the same cure cycle, an effort was made to
account for batch effects by including (0)° and (90)° laminates in each cure cycle. All samples were made
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from 3M SP 288 T300 graphite/epoxy tape.

Specimens were mounted on a Bruel 4 hjaer (B&K) Complex Modulus Apparatus (Type 3930} which uses two
mignetic transducers (B&K Type MMUOOUZ), one acting as an ‘exciter', the other acting as o 'pickup'. High
magnetic permeability discs were positioned opposite the transducers on the non-ferro-magnetic GnE samples.
They were then connected to a B&K Heterodyne Analyser (Type 2010) which employed a4 beat frequency oscil-
lator to drive the exciter transducer, and an analvser to process the signal from the pickup transducer.
This system allowed manual or automatic sweep of the driving frequency through a range of 2 Hz to 2no Kiz.
The various natural frequencies of vibration were indicated as amplitude peaks on the printout of the B&K
Recorder (Type 2305) (see Fig. 1). To determine the specimen damping characteristics, one could employ
either the phase lag between input/output signals, which is directly rdlated to the material loss factor,
or the reverberation decay technigue which provides a measure of the loy decrement. In this latter method,
the oscillator cutoff was activated at cach mode of vibration, and the resonance peak was allowed to de ay.
The resulting decay appeared as a nearly straight line on the recorder. This system was used to validate
the laminate model at ambient conditions, wund it is presently being mod:fied to operate 1n a space simul-
ator.

3.2 SPACT SIMULATOR TESTS

fwo space simulators were assembled to study the effects of therma! vacuum c¢ycling and U.\. radiation
on tie dumping of graphite/epoxy material. In one simulator, an electrically-driven travelling arm appar-
atus was designed to retract by remote control, thus providing a step-load to a cantilever plate specimen
(Fig. <&). Bonded surface strain gauges, specially calibrated for thermal-vacuum exposure, pro.ided the
required transicat decay damping output on an oscilloscope (see Fig. 3). From such traces one can calcul-
ate at any time ‘ti', x = (1/t])log(Y,/Y]) where (Yo/Y]) is the signal amplitude ratio. Knowing the
frequency 'f', then the log decrement can recadily be obtained from ¢ = "/f. This particular facility was
used to study the effects of miterial batch and cure cycle variations as well as thermal-vacuum cycling.

The second simulator contained a 1000 wattXenen D.C. arc lamp (Conrad-Hanovia, U.S.A.) capable of
providing U.V. radiation in the wavelength range of 200 nm - 400 nm. In combination with a thermal-vacuum
environment, it was possible to obtain crecp compliance data for diftferent U.V. exposures. Another feature
included a carousel arrangement (see Fig. 4) which supported 30 flat coupons (about 2.54 cm in width), each
of which could be rotated into a gimbal mounted load grip having 4500 N capacity. Each creep test consist-
od of subjecting a sample to a given tensile load for a certain length of time. Once the load was removed
and the sample left unconstrained, the strain was recorded as a function of time.

For purposes of brevity, details on both space simulators can be found in Ref. 1.

4.  LXPERIMENTAL RESULTS
4.1 VALIDATION OF LAMINATE DAMPING MODEL

Using the heterodyne analyser system, variations in principal damping values (log decrement in this
case) were obtained as a function of trequency. These results are presented in Fig. 5 where the %g¢ was
derived from an off-axis test (Sxy) in combination with the analysis of Appendix A.

Based on the above, it was then possible to predict the loss factor as a function of frequency for
other GRE configurations. Comparisons with test data for (#6)g laminates are given in Figs. 6-9. In
Fig. 10, one can readily see that the analysis holds for other stacking sequences as well. In all in-
stances, agrecment between predicted and measured responses is very good.

To illustrate how such damping data can be employed for design purposes, Figs. 11 and 12 werc con-
structed for two quast-isotropic laminates, (U, +00) and (0, #45, 90). In both examples, the position
of the 0% ply was varied. It is quite cvident from these results that onc can substantially change “he
damping values.

une additional feature inhcrent in using the heterodyne analyser is the east with which onc can obtain
the frequencices associated with different modes of vibration, Using a cantilever plate vibration model,
analy.cs of the various laminates were performed to cstimate the change in mode frequencies with fiber
angle.  Figures 13-15 provide ample cvidence of the cxcellent agreement onc can achieve using laminate
analysis, at least for flat cantilever plates. Note that these comparisons extend from the first to the
fifth natural modes of vibration.

4.2 MATERIAL BATCH AND CURE CYCLE EFFFCTS

Onc matter of importance arose concerning the effect of batch variations on the damping parameters.
In measuring material damping it has been obscrved that it is essential for the test coupons to come from
the same material batch and undergo the same cure cycle at the same time as the structural component being
investigated. As can be seen in Fig. 16, not only can the principal damping values change (as might be
expected), but their differences can have a substantial effect on the damping curves., For example, using
the «ame graphite/epoxy material, two batches (M & B) were sampled and the resulting damping curves are
shown in Fig. 16. However, material from the same batch but cured at different times also produced sig-
nificant changes, as cvidenced by batch M and the 'dry state' curves.
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4.3 THERMAL-VACUUM CYCLING EFFECTS

For short term vacuum exposure, small changes in the principal damping parameters were obtained, as
can be seen in Table 1. Using these data, predictions were made on the variation of § with laminate ply
angle, and the results compared to tests (Fig. 17). Agreement is rather good.

Long term space simulation results are shown in Fig, 18 based on damping measurements after 470 days
exposure : 107° ~ 1077 torr and 66 thermal cycles. The reference state was based on specimen data taken
in the 'Jdry' state, again from duplicate samples prepared at the same time but relegated to a desiccator
environment over the period of 470 days. The curves shown through the principal damping values are theore-
tical (but based on these values) and clearly demonstrate the effect of prolonged thermal-vacuum cycling.

4.4 EFFECT OF U.V. RADIATION IN A THLRMAL-VACUUM ENVIRONMENT

Long term thermal-vacuum tests were conducted over a period of 180 equivalent sun days of U.V. radia-
tion. Creep compliance mcasurements were made on graphite/epoxy (SP 288 T300) plate specimens at selected
exposure intervals, the results of which can be found in Refs. 20 and 21. As outlined in Section 2, loss
factors can then be determined from the complex compliance for any laminate once the principal values are
known. Figure 19 shows the variation in loss factor for various (tv)g laminates as a function of fiber
angle. Both ambient and vacuum-radiation exposure data are presented for a frequency of 0.1 Hz. Note
that the maximum damping occurs around 45° which is consistent with the flexural damping results in Fig.
17 obtained from samples from the same material batch. The fact that this is near the 'zero' coefficient
of thermal expansion angle (see Refs. 15 and 16) could prove useful in building dimensionally stable,
highly damped structures. However, more than a 50% reduction in the maximum loss factor is observed after
the material is subjected to the simulated space environment. Based on previous thermal-vacuum exposure
data (Fig. 18), vutgassing lcads to a substantial reduction in material damping. Earlier work (Ref. 16)
has shown that moisture comprises the bulk of the outgassing products.

To demonstrate the change in loss factor with frequency, Fig. 20 presents the calculated results for
a {#d5) laminate over a low frequency spectrum. As onc would expect frem the creep results, the loss
factor gencrally increases in magnitude with a lowering of frequency in this range. This trend can also
be scen in Figs. 6-9 for the low frequency end. The ‘humps' correspond to similar behaviour evident in
the original creep compliance curves. However, since the loss factor is related to the slope of these
curves, it is quite sensitive to any inaccuracies in the creep data.

5.  CONCLUSIONS

Sufficient data have been obtained to demonstrate that the laminate model can yield accurate predic-
tiors of the flexural damping values. Using a ‘principal damping matrix' approach, optimum damping con-
figurations can be derived. loss factors have also been calculated from creep compliance experiments.
However, more tests are required before the accuracy of this technique can be properly assessed.

Exposure to a thermal-vacuum environment of a polymer matrix composite leads to a significant reduction
in the material damping, probably due to outgassing (mainly moisture). Additional exposure to U.V. radia-
ticr. (up to 180 ESD) produced no substantial changes, at least for the graphite/epoxy material investigated.
Finally, it was observed that material batch an: cure cycle variations can result in large differences in
principal damping values, thus seriously influcncing damping predictions for a given structure.
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TARLE

PRINCIPAl FLEXURAL DAMPING VAWUES (LOG DEiRLMENT)
FOR GRAPHITE/EPOXY 9P288 1300)

Log Decrement Soft Vacuum® 24 hrs. 73 hrs.
> (10-h) A10-% torr @ 10°° torr g 2107% torr
311 5.67 5.50 5.40
522 38.10 33.47 32.50
666 36.00 36.04 36.20

*No aerodynamic effects.
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APPENDIX A

THEORETICAL PREDICTION OF LAMINATE MATERIAL DAMPING

Based on elastic strain energy considerations, a laminate damping analysis was developed in Ref. 9
for constant angle configurations. This analysis was extended for 'general' laminates, details of which
are given in the following sections.

The material damping in composites is conveniently modelled as a dissipation of strain energy due to
internal forces. The specific damping capacity (SDC) of a material is defined as,

:All -
vEg (A-1)

where U is the maximum strain energy in the laminate and AU is the strain energy dissipated during a strain
cycle. Considering the k-th lamina of an arbitrary laminate which is of unit width and length, the strain
energy 1s hk

1 , T,
Uk =3 J \c)k(c)kdz (A-2)
hk"l

where hy and hy_) represent, respectively, the upper and lower surface thickness (z) coordinates. The
value of Uy is independent of the coordinate system; however, the most convenient system for beginning the
damping analysis is the material (1-2) coordinate system where

El _} 01
(c}k =) e ; (”}k = | o, (A-3)
L .
| "2 N 12 |,

Here ¢} and 3 are normal strains, y), is the shear strain, o) and oy are normal stresses and t); is the
shcar stress, all in the lamina coordinates.

For an orthotropic lamina which exhibits a linear elastic stress-strain response, the strain energy
can be separated into five components:

+ U +« U + U +« U (A-4)

where

hk
u Lh % 4
oo, =7 | Qeo12 W%

h-1
and because of the elastic symmetry of the orthotropic lamina
hy
1
Yz * V"2 J (Q) 58, 82)5 92 (A-5)

-1
This symmetry causes Eq. (A-4) to effectively collapse to only four terms. Following the definition of SDC,
the total energy dissipated in this lamina is given by the sum of four components defined by
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where the y;j are generally nonlinear functivons of strain. The total cnergy dissipation expression can be
assembled as a matrix equation:

hy
= % J el L], [Q) (e}, dz (A-7)
Pg-1
where
el = Lege ca0 vgp]
and

¥12 22 (A-8)
0

It should be noted that the 12 component effectively constitutes the "Poisson™ contribution to the
damping; however, for the results presented in this paper, y)» has been set to zero to simplify the
analysis.

The energy dissipation equation for the laminate is the sum of the lamina losses, so

1§ e
MW= z J lely fv] [Q]k‘c\ dz (A-9)
=hl
where k = lamina number, n = number of laminae.

ne can now transform from the principal material axes (1, 2) to :rome arbitrary set of structural
axes (X, Y) for convenience, thus obtaining,

n hk
2 = % kgl { lg}k[T']:[w][Q]k[T']k(Q}kd: (A-10)
S by
where
a I cx
(r‘k = cy
Lo 4
and
" m n? m )
2 2
[T']k = n m -mn (A-11)

2 2
-2mn 2mn (m“-n") X

where m = cosd and n = sind with 9 equal to the angle of orientation of the lumina with respect to the
laminate structural axes.

It should be noted that the strain dependence of the yjj; gencrally prohibits the integral from being
evaluated cxplicitly.

The maximum strain encrgy U in the laminate can be evaluated directly from the laminate constitutive

cquations,
€’ At v B N
L.
[“’J‘ [' '''' ] []
K (oL I M

where ¢° and K are the mid-plane strains and curvatures and [N] and [M] arc the stress and moment result-
ants given by

2 P N Nk
N} = J {0}, d2, M) = § J (o}, zdz (A-12)
k=1 :
Py-1 k-1




with
{c)k = (c")k + z{K}k = total strain in lamina k

Applying these results, the strain energy in terms of laminate axes strains and curvatures is |

=3 NER) + 3 pa (A-13) |
!
Therefore the SDC is formulated as
n hkx T N
z I l‘lk[T']k[‘l‘] [Q]k[T']k{C)kZdZ
k=1 hk-l
v (A-14)

INJ(E°] + [MITK]

FREE FLEXURE CASE

The equation above applies to any general strain state in a laminate; however, certain cases are more
amenable to analysis because of the attendant simplifications they generate. One of these cases involves
the application of a pure bending moment to a beam, thereby creating a state of free flexure. The boundary
conditions for free flexure are:

[N} =0 M
(&) =0 M =] o
(€} = z{R) = 2[D'}[M) 0 ]
Therefore -
l D|
IR RS b
{ = [
{e} D12 M
P16
and the expression for AU becomes
=
. N hy 5 T | Dil
=z - g [ ] L] v , 3 N I - -
wed A U R R TR AN N FI (a-15)
Ri-1 e
The corresponding expression for U is
1 2 -
Uu=s DilMx (A-16)
Although others [2, 12} have shown that laminace damping is a function of strain, as a first order approxi-
mation, the ¢j; are assumed to be independent of strain. Thus the expression for AU can be integrated
explicitly to yield
e 1
1 33 T o,
= - ' " t 1 -
8 = & kgl (" = by (D1, Dy, DI T I WIIQY T Y | Dy, | M, (A-17)
L le
Therefore the frec flexure damping is given by,
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SESSION Il ~ PROPERTIES OF INTEREST
by

Mr A.J.Russell
Defence Research Establishment
Pacific
F.M.O.Victoria
BC VOS 1BO
Canada

Session [l covered a wide range of materials and their properties, from the damping behaviour of structural
composites in vacuum to the electrical characteristics of solar cells in a simulated deep space environment. The
session emphasized the need for careful design and analysis of laboratory tests in order to obtain data relevant to a
given space application. In particular the paper by Peacock and Whitaker on long term exposure to a simulated
space environment revealed the lack of correlation between short and long term exposure to vacuum. This was
further complicated by the effects of subsequent irradiation which, in some instances, led to a recovery in properties
while in others, more degradation occurred.

The initial discussion concentrated on problems associated with characterizing the damping properties of
composite materials. Professor Santini was concerned with the difficulties in constructing the entire damping matrix,
including the coupling terms, from small test coupons. Other aspects of damping which were felt to require further
investigation were the standardization of test specimens and methods and the origin of batch-to-batch variations in
damping parameters.

The discussion then turned to the relationship between material properties and structural design. Mr Buchs
stated that since most space structures were stiffness-critical, one could not afford the luxury of designing material
damping into them by means such as the use of +45° plies but rather one designed for stiffness first and if necessary,
mechanical damping could be added later. Mr Morison on the other hand, was of the opinion that as space structures
became larger and as mechanical fasteners gave way to adhesive bonding, that material damping would become more
important and that a design compromise between stiffness, weight, and damping would have to be made from the
outset.
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TESTING OF FLEXIBLE DEPLOYED SOLAR ARRAY (L-SAT)
by

P.A Mcintyre, Director, Engineering RMSD
A.S.Jones, Manager, Mechanical Engineering RMS!)
J.Renshall, Group Leader, Mechanism Engineering

and G. W Marks, Group Leader, System General
SPAR Acrospace Ltd.,
Space & Electronics Group
1700 Ormont Drive
Weston, Ontario MOL 2W7
Canada

Abstract/Summary

The L-SAT Solar Array subsystem 1s Spar's latest design of light-weight Flexible Deployed Solar Array. It
will be rlown on a high-powered accurately pointed Communication Satellite namely L-SAT, and will be
subjected to qualification testing at both the integrated system, subasscubly and cowponent level. In
addition, development testing has been carried out on critical items ot the deslgn, specifically that
associated with blanket behavior during deployment and Apogee Engine and KCS tiring, L-SAT being the first
tlexible array to be operational during Apogee Engine firing.

The test philosophy being adopted is similar to that used on the Communications Technology Satellite
(hermes), however, due to the size of the array and facilities available, array natural frequencies will
be predicted by analysis and modal test methods. Llectrical component subsystem testing covering solar
cell, array blanket pyro-techniques and other electrical items are discussed in this paper and the status
ot development tests completed to date is& reviewed.

Glossary of Terms and Abbreviations

T.V. : Thermal Vacuum

A.b.b, : Apogee Engine Firing

KCS : Reaction Control System

CTS : Communications Technology Satellite (Mermes)
E.OuL. : End of Life

B.O.L. : beginning of Life

L=SAT Min: 2.5 Kw LUL Array

L-SAT Max: 6.5 Kw EOL Array

L-1 : First Satellite in L-SAT Series

LSA : European Space Agency

B.ae. H british Aerospace Corp.

CRL : Communication Kesearch Centre (Department of Communications Canada)
T.0. ST e

FSA : Flexible Solar Array

M-SAT : Mobil Communications Satellite

STS : Space Transportation System (Shuttle)
ALS H Attitude Control System

SuLbk : Secondary Deployment Electronics

58S : Simulated Spacecraft Sidewall

LbA : Deployable Solar Array

ALl : Acceptance Test Level

5/¢ : Spacecraft

SAD H Solar Array brive

Introduction

The Large Satellite (L-SAT) Solar Array subsystem which 1s Spar's second generation of light-welght
flexible deployed solar arrays for synchronous orhit communication satellites, is designed to cover the
range 2.5-6.5 kw E.O.L. over a mission period of 10 years in orbit with capability of extending to

7.8 hw. The array is being produced for 8.Ae./ESA's L-SAT program (Figure 1) and is a result of
continuous development of the CIS (Hermes) array technology, designed and tested under contract for the
Lepartment of Communications (Research Centre), Ottawa, Canada, und flown successfully in synchronous
orbit from January 1976 - November 1979.

The Large Flexible Solar Array will be partially deployed during transfer orbit, this being the first time
tor such an array. The Solar Array will be tested as part of the spacecraft system except during Thermal
Vacuua testing when it is impractical. A separate qualification, flight acceptance test program will be
conducted to ensure satisfactory in-crbit performance when integrated with the spacecraft. This
philosophy of testing is similar to that conducted for CTS; however, due to facility limits, partial
deployment ot the flex array during Thermal Vacuum Tests will be conducted, and array natural frequencies
will be calculated using modal analysis techniques. Flight solar srrays subsystems will be vibrated




inge 'endently and as part of the spacecrafi test in the stowed positions.

Major design teatures of the Solar Array subsystem are briefly discussed and critical areas requiring
derclopment and life testiny are addressed.

1 The vibration, thermal vacuum deployment and partially ceployed array thermal vacuum cycling tests to be
conducted, plus the overall integrated system test program is also presented.
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FIGURE 1 L-SAT SPACECRAFT WITH SOLAR ARRAYS DEPLOYED

Design Description

The L-5aT Array is similar in principal to the Hermes (CTS) array in that it is a “"concertina” fulded
arrangement, stowed during launch on the spacecraft north/south body panels of a 3 axis stabilized
spacecratt and arranged such that it takes up mintmum volume. The array is normally deployed in
synchronous orbit using an astromast deployment system and a more detaliled description ot L-3A1 and hermes
(LTS) array can be found in reference | and 2.

the L-5AT array comprises a & stage arrangement namely primary and secondary system: both systems are

retained using a pyro initiated release arrangement and stowed on the north/south body panels curiny
launch.

[Le primary system is initiatea tirst and this deploys the astromast deployer and stowed secondary systewm
in a controlled manner using a cable and pulley to co-ordinate motion, and an eddy current damger Lt
control latch up shock loads.

3 Un completion of the primary deployment in transter orbit, the seconaary system is initiated ana the darray
Lo deployed to provide (T.u.) Transfer Urbit power. In this configuratiorn, remaining sections of the solar
, array panel remain stowed. After injection into synchronous orbit the remaining “stack™ is deployed after
i the Transfer Urbit Tension Mechanism (TUIM) is released, the release system being similar to the secondary
' release ana initiated using pyro-technics commanded from ground.

kigures 2 and 3 show the main features of the L-SAl and Hermes (LT$) array deployment mechanism and
overall configuration. These figures illustrate the similarity in overall concept between the two
arrays. Figures 4 and 5 illustrates the deployment sequence includinyg primary, partial array and final
array deployment in Transfer and Synchronous orbit respectively for thie L-SAT array.

To summarize, the main elements of the L-SAT array are:
: A Primary Deployment System which is restrained during launch via a tic-down system onto the
N/S panels. This includes the astromast and stowed array. System is initiated by ground
command, tiring pyros which release the system and allow primary deployment. Controlled
deployment is via cable co-ordinated system and damped by an eddy current dawmper.

: A Secondary system, which deploys the stowed array, is initiatead by pyros atter primary
| deployment is completed.

: Solar Array blanket is deployed using the astromast deployer powered frum the Secondary
. Leployment Electronics (SLE), which alro provide telemetry and command signals during T.u.
Controlled deployment of the array i{s ensured via parking springs which retain the array
auring array deployment. Protection interleaves used to protect cells during launch form
part of this arranyement.

: Tip Tension mechanism to control blanket tension and to shut down the system when the
correct array tension is achieved. The system can be interrupted, and deployment restarted
by ground coumand.

Testing of the array follows the techniques developed for the Hermes array however, only limited testing
is possible aue to the size of the array, thus consicerable analys: d development testing must be
conducted to verify critical areas of the design. These development .usts and the planned qualification
test program by the two major subcontractors, Fokker of Amsterdam and AEG Telefunken (also the Hermes
array blanket supplier) are discussed herein.
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The array itself is modular in design and capable of providing power from 3.2 Kw Beginning of Life to
7.8 nw End of Life with minimum change. Detaills of the overall performance capability are given in
Table 1 and the main objective of the test program is to demonstrate via ground testing and supporting

analysis that these parameters are met.

TABLE 1 MAJOR CHARACTERISTICS OF L-SAT TYPE ARRAYS

3.2KW EOL 6.5KW EOL
IKW BOL DESIGN DESIGN
PARAMETER {T.0. ARRAY) L-SAT 1 L-SAT MAX.
DIAMETER OF ASTRO-MAST 254 mm (10 IN.) | 254 mm (10 IN) | 254 mm (10 IN)
SOLAR ARRAY BLANKET TENSION 60 N (14 t8) GO N (14 :8) EON (24 LB)
ESTIMATED LOWEST NATURAL FREQUENCY 021 Hz 177 Hz .05 Hz
TOTAL MASS PER SPACECRAFT (2 WINGS) 123 Kg (271 1B} | 84 Kg (185 1B} | 123 kg (271 1B}
PEAK TRANSFER ORBIT POWER 3 Xw 4.2KwW 3 KW
BOL SOLSTICE POWER — 2 WINGS 3 KW 4.1KW 8.3KW
EOL SOLSTICE POWER - 2 WINGS N/A 3.2 kW 6.5 KW
B0OL POWER/MASS N/A 48.8W/Kg 67W/Kg
DIMENSIONS
BLANKET WIDTH 2852 mm 2852 mm 2852 mm
BLANKET LENGTH 7852 mm 9664 mm 19.952 mm
OVERALL LENGTH 9800 mm 11.664 mm 21.952 mm
Test Philosophy and Test Plan
The L-5AT solar array subsystem 1is divided into three areas:
: Flexible Solar Array Blanket (AEG-Telefunken)
: Solar Array hechanical Assy. including primary and secondary deployment (Fokker)

: Integrated Solar Array System (Spar Aerospace)
Test plans compatible with these major subcontractors responsibilities were developea.

The test philosophy adopted for this program is to test at the lowest possible level starting with
components such as motors and solar cells then stepping up to major components, such as solar panel
assemblies (SPA's) and astromast deployer. Testing of major subassemblies such as the primary/secondary
deployment and mechanical assemblies follow, and finally testing of the full inteyrated system takes

place.
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All the above testing will be taken to the qualification level covering EMC, Vibration and Thermal Vacuum
environments. In many cases, confidence in new design features {s required early in the program,
consequently development tests have been conducted to cover both the above and coufirm analysis techniques
adopted. The latter applying to:

(a) Natural frequency analysis.
(b) Blanket behaviour during Apogee motor firing.

The Integrated system flow diagram and assembly sequency for the system, subassemblies and components is
shown in Flgure b6, these include the Mechanical Asscably and component tests to be conducted by Fokker and
boldar Array Blanket tests by AEG Telefunken.

Iln .ummary, the tests planned for the L-SAT Array are:

4 Development tests to verify critical areas early in the program.

: Critical components requiring life testing to demonstrate ability to meet mission objectives
(10 year) life.

: Component and subassembly qualification testing.

: Integrated system Qualification Tests.

These are discussed in detail in the next section.

Development Tests

Levelopment Tests on several hardware items have been carried out to verify their basic design functions

and to establish baseline performance and characteristics. The following list identifies development
tests completed:

4 : barking spring effectiveness test

: Foam jump test

: Behaviour of pressurized foam under vibration
: Foam material properties test

H Cable harness stiffness test

: stowed solar blanket retention test
: Array blanket edge crippling test
: kddy current damper tests

(a) Parking Spring kftectiveness Tests

A full size representation of the L-SAT solar array was fabricated, an: a number of vertical
deployment tests were performed to develop the parking spring configuration. This ensured that
the blanket deployed correctly and that the interleaves were retained neatly. The test runs were
observed and recorded on video tape, and results verified that the parking spring design operates
i withou. any hang ups.

(b) tvam Jump Tests

Une ¢° the anticipated problems on L-SAT was concerned with the kinetic energy of blanket stowage
' re.. ... Consequently, tests were performed on pressurized toam stacks in ai{r and vacuum to
determine kick-off velocities and kinetic energy levels.

The results were obtained by use of a high speed video camera and recorder. For a
representatively pressurized stack, velocities measured were | metre/second. The Kinetic energy
was then derived for the complete array and used in the design of the Tip Tension Mechanism.

(c) Interleaf Foam Vibration Tests

‘ Tests were performed to determine:

1) The dynamic stiffness of the foam interleaf material.
ii) The tonam compression required to give adequate stiffness for supporting the solar array
blanket when stowed.

A representative sample stack of the stowed solar array blanket, consisting of alternate layers
ot foam and aluminum plates was used tor the tests. The tests were performes using stack
configurations representing the L1 and L-MAX array blankets at various values of foam
compression.

Principal results were:

1) The resonant frequency increases with increased foam compression.

11) The resonant frequency decreases with increasing input vibrat' '~ level.
| 111) The “"damping” increases with increasing input vibration leve..

iv) HResonant frequencies were higher for the L1 stack than tor L-kaX.

A mathematical model for the stiffness of a foam layer was derived from the experimen's. data and
{ was used to determine the foam compression required for supporting the arrav bl ke

The required foam compression was determined to be 74Y of the free hrfgh: « . .. ‘-, an¢ ! e

tests provided added confidence that the arrangement selected will pp .. © 's wiing
launch.
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(d) Foam Compression and Creep Tests

The interleaf material selected was tested for flammability, vacuum outgassing, compression
wodeulus and long term creep properties. Apart from flamability properties which are under
review, acceptable results were achleved.

The compressive modulus 18 quite non linear on this material, which is commonly observed on
foamea materlials.

(e) Harness Stiffness

The main cable harness on the L-SAT array wing has to flex during the primary deployment phase,
consequently the stiffness of the harness had to be measured in order to provide design
intormation to the designers of the primary deployment system. Restraining torques and bending
moments of up to 3 Nm were measured.

Tests were also performed in a thermal chamber at elevated and lowered temperatures to check the
variation of cable stiffness over the operational temperature range, and to check whether the
cables could provide adequate damping during primary deployment. An “Eddy"” current damper is
incorporated in the primary deployment system to provide controllea deployment.

{t) blanket Ketention Tests

A feature of the array blanket construction 18 the use of iaterlocking rings that mesh together
when stowed 50 as to restrain blanket motions.

The effectiveness of this arrangement will be tested by vibration tests on the engineering/
qualification model array. VPreliminary testing has indicated that the scheme will work and the
array blanket interleaf combination can be stowed and held in position during launch.

(g) Array Blanket Edge Crippling Test

An additional test that was perforwed was an experiment to study the effects of in-plane loading
on a tensioned membrane. (Array Blanket).

The test article was a sample Hermes (CTS) solar array blanket that was covered with dummy solar
cells. The blanket was floated on an air bearing tsble and then "pulled” sideways by fnclining
the table cransversely.

The results obtained indicated that no array edge-on buckling would occur for the anticipated
loaas, and that a membrane of this type will survive Apogee Engine firing accelerations

(low g's).

.022 g is the start up acceleration tor L1, and,
.02 g is that specified for other array variations.

(h) Eady current damper tests have been conducted to establish damper size ana characteristics.

Life Testing/Performance

To ensure system reliability and missions life, components which are required to operate over the
spacecraft 10U year mission 1ife will be life tested. Items in this category are:

The Astromast deployer (electric brush motor) produced by Sperry and the Astromast by Astro.
The Tip Tensioning Mechanism (TTM) produced by Spar.

Solar Array blanket performance and cell degradation will be established through type approval testing.
To date Sperry have satisfactorily completed the life testing of the Astromast brush motor; and the

Astromast will be life tested during 1983 with a plan to perform 200 partial deployments. A similar test
will be conducted on the TTM where 5000 cycles will be performed.

Array Characteristics and Alignment

To ensure correct dynamic characteristics of the array backlash, array alignmeat and overall system
naturel frequencies are critical.

with the L-SAT array backlash is non existent since the deployed array is slways tensioned, also the
primury deployment mechanism bscklash is removead during assembly via adjustments and preloaded mechanism
design.

Similarly alignment and other mass property requirements will be sdjusted during assembly to meet systea
requirements. The astromast is a major conttibutor to the in-flight mottion of the centre of mass, so
special alignment set-up procedures will be prepared to ensure the system meets necessary alignment
criteris.

Array natural frequency, wodal integrals and modal damping are areas of concern to the spacecraft ALS.

The size of the array precludes the ability to conduct deployed frequency tests similar to those conducted
in TV Chamber on the Hermes (CTS) erray. Instead arrsy frequencies will be confirwed using wodal analysis
techniques.

X
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Modal Analysis Testing

The L-SAT Flexible Solar Array can be considered to be in the category of low frequency structures whose
natural frequency 18 predicted to be below U.2 Mz, in fact for L-SAT max. the prediction is .05 Hz (see
tiyure 7). To demonstrate and ~onfirm damping and frequency characteristics the standard structural test
wethods conducted on LTS can no longer be applied and Modal Analysis testing techniques must be used.

The objective of modal testing is to obtain and confirm structural natural frequency, mode shapes, dampiny
characteristtics, and analysis predictions.

In order to develop test methodology and procedures for the modal test of the L-SAT array a development
prugram study is under way to test a scale model of a flexible Solar Array. A 9" astromast will be used,
and membrane tension will be adjusted to represent a low frequency structure. This membrane will be fully
represeited with mass simulation and tensioned using a CTS tip tension mechanism. Predictions will be
made and modal analysis testing will be conducted at the Department of Communications facility at
Shirley's Bay, Uttawa.

Alter testing, preaictious versus results will be examined and anomalies noted. Also during testing the
ertects of aic damping and testing in earth's gravitational field will be examined. For example, torsion
modes should be less sensitive to gravity than out of plane modes; and in-plane modes should be less
sensitive to aerodynamic ettects than out of plane modes.
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To examine the low frequency characteristice of a laryge flexible array requires special low frequency
sensors and the test interval needs to be fairly long, te. 1/2 hour of continuous Lest ror U.2 hz

systems. These sensors have been selected from previous devlopment tests used to characterize the

astromast.

An advantage to modal analysis testing is that it provides vibration test results in the same tormat as
the solar array anaiysis. The vibration testing done is to verify the aathematical wodel and to check for
any sanutacturing flaws. Manufacturing flaws are can be isolsted with modal analysis testing since they

show up as unexpected large deflections in mode shapes.

rpotated, the wodal shapes help to

1f, during test, it becomes apparent that more damping sust be inco
Before the hardware is actually

deteraine where and what kinds of damping will be most effective.

foplemented, its effects can be modelled in the software and evalusted.
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Component

Component/Subassembly Testing

8 or subasewblies of the L-SAT array that fit into this category are the Astromast, TTH, flexible

solar array blanket, and Secondary deployment electronice. This will all be qualified td demonstrate that

they can survive launch and operate in Transier and Synchronous orbits.
(a) Astromast
Fully flight representative hardware will be used and tests to be perfcrmed include:
[ Vibration Test (Stowed Assy.) to qualification levels.
o bPartial deployment in Thermal vacuum to qualification levels.
o Leployment Power and stall characteristics of the motor.
) Leployed stiffness.
o Extension rate while correctly loaded.
] Straightness and alignment.
) Backlash in the system.
(b) Secondary Deployment Electronics (SDE)
The block diagram for this unit showing its functions 1s given in Figure ¥ and testinyg to be
conducted on this unit include:
Continuity and performance checks.
Vibration, (Sine and Random).
: Thermal Vacuum.
(c) Tip Tension Mechanism
Will be subjected to normal operating pertormance tests, (lite testing is conducted separately’
tollowed by a sine and random vibration and T.V. testing.
The vibration spectrum for TTM component is shown in Table 2 and these are typical for the SLE
and Astromast and represent results from overall system analysis using Arfane and STS launch
inputs.
Similarly the Thermal Vacuum duty cycle to which components will be subjected is given in
Figure 9.
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