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PREFACE

The use of simulation technigues in some torm to represent conditions in flight has been one of the cornerstones
of aeronautical research and development from its inception. Initially the wind-tunnel was the primary tool in such
testing, but in recent times ground- and in-flight- simulation, flight demonstrators including piloted aircraft and remotely
piloted vehicles, and analytical prediction methods have all been used to represent in-flight conditions in order to predict
flight behaviour in advance of actual flight of the simulated project.

The question of the extent to which the simulation, in whichever form it is performed. truly represents the con-
dition which it is intended to simulate, has consequently always been of primary concern, and it has been addressed
many times. Until now this consideration has been directed primarily to comparison of wind-tunnel and flight data,
and this focussed attention on the need to improve wind-tunnel simulation. A Flight Mechanics Panel meeting at
Valloire in 1975 dealt primarily with wind-tunnel/flight comparisons, and this could be said to have raised as many
problems as it solved. in both wind-tunnel and flight test techniques. The Flight Mechanics Panel decided in 1980 that
the time was ripe for a further review of progress, this time on a wider basis than the Valloire meeting and addressing
the spectrum of simulation techniques now in use. This led to the symposium, held in Turkey in October 1982, which
is reported in these Proceedings.

The Symposium noted that there have been major improvements in predictive capabilities in the last decade. Large
advances in wind-tunnel and flight test instrumentation and data processing have provided betier confidence in the data
and, consequently, improved comparison bases. Even larger advances have been made in computational aerodynamics
and this has provided the basis for an efficient design tool for transport aircraft. New wind tunnels on both sides of the
Atlantic have significantly enhanced prediction capabilities. Improved flight test teckniques and measurement accuracy
have provided a powerful tool in support of prediction. However, in spite of all these improvements there is still a
problem in providing accurate and satisfactory performance predictions. Fxamples were cited which noted that for
twelve American commercial aircraft, the drag prediction was just as apt to be high as low. Concern was also expressed
that with the increasing sophistication of test and prediction techniques, engineers may lose “‘track™ of the physics of
the process of prediction and comparison.

Future symposia and/or specialist meetings should be conducted on a regular basis to ensure an adequate exchange
of information.

P.POISSON-QUINTON F.STOLIKER
Member, FMP Member, FMP
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CONCLUSIONS OF THE FMP SYMPOSIUM IN VALLOIRE (1975)

AND PROGRESS ON GROUND/FLIGHT CORRELATION

by Ph., POISSON-QUINTON, ONERA, Fr.

More than seven years have elapsed since our first Flight Mechanics Panel Symposium focused

on the review of test techniques available at that time both on the ground and in flight for the
development of new aircraft (ref. 1).

I

~

The major conclusions and recommandations derived from a large number of informative papers and from
discussions are summarized below:

- Difficulty in defining the lowest test Reynolds number in a wind-~tunnel which gives flow
conditions adequatly representing those of actual flight conditions: that is why there is a strong
need for tunnel testing at Reynolds numbersas close as possible to the flight values;

~ Many of the problems ascribed to Reynolds number effect are probably the result of inadequacies in
the modeling techniques: wall and support effects, flow quality, detailed and precise model
representation, aeroelastic deformation of the model under large loads, choice of adequate rough-
ness for boundary layer transition tripping, etc.;

- The computer will play an over-increasing role:

* for monitoring and on-line data processing and analysis in ground facilities and in flight;
* for interpretation, correction and extrapolation of wind-tunnel data;

* and for theoretical predictions used to reduce testing time and cost.

- There is a need for more direct communication between the design team and wind-tunnel/flight
personnel...

...that is why, 7 years later, we are again together to review our progress on these various
statements, which are still valid.

However, I shall try, in this short introduction, to show you some typical advances we have made
everywhere in the AGARD community to improve our techniques for a better prediction of performance
and flying qualities.

On the other hand, we shall conclude this Symposium by a Round Table discussion centred on the
answers to a five-items questionnaire sent by the Technical Programme Committee to well known
specialists in the AGARD community:

1 - What are the advantages/disadvantages of different prediction techniques?

2 - What portions of the flight regime cannot/should not be addressed by ground based techniques?

3 - Are there areas where analytical predictions can be better than wind- tunnel and/or simulation
results, and vice versa?

4 - Are there methods of reducing differences between predictions and flight test results?
5 - Are there new prediction techniques that should be emphasized?

The analysis of a great number of answers will be presented by Dr. John Williams, who is also in
charge of writing the Technical Evaluation Report of our Symposium (ref. 2).
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II) Now, let's see some examples of progress we have made in the major test centers represented in this
symposium:
I1.1) A BETTER DUPLICATION OF THE REYNOLDS NUMBER IN WIND~-TUNNEL TESTING:

On Figure 1, we have given the various methods to increase the test Keynolds number .noa

wind-tunnel ard on Figure 2, we have listgd the various facilities recently developed tor that
purpose:

A} Tunnels with very large test-sections:

- NASA has found that the size limitation of their Ames 40 x 80 foot wind-tunnel primarily
constrained fixed-wing Aircraft investigations, while the existing speed limitation primar-
ily constrained rotary-wing testing; to meet these requirements (ref. 3), modification of
the 40 x 80 ft tunnel includes:

. repowering the existing tunnel (27 MW to 100 MW} to attain higher speed in the existing
closed test section (100 m/s to 150 m/s)

and adding a new and larger test section {80 x 120 rt = 24 x 37 m")
able to reach a speed of 50 m/s and utilizing the same power installation.

The modified tunnel with its new open circuit is sketched on Fig 3; furthermore the
background noise in the test-sections have been minimized by an acoustic treatment to
perform aeroacoustic research.
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- A large Dutch-German subsonic tunnel (DNW) has been recently built in the Polders and is
operated since 1980 by NLR and DFVLR; 3 interchangeable test sections are available:

9,5 x 9,5 -8 x 6 and 6 x 6 m? yith speeds ranging from 60 to 150 m/s (Fig. 4).

B) Testing of Full~Scale Aircraft parts (half wing-fuselage, fuselage- engine, etc.) are often
tested in the ONERA S1 Modane sonic tunnel (D = 8 m); thus flight conditions can be duplicated
on an actual wing before flight testing with the full instrumentation, as shown on Figure 5
for a DORNIER/UNERA research programme on an advanced wing, fitted on the Alphajet Trainer
(see paper Nr. 4 in this Symposium).

Another interesting example of the Flight Reynolds number duplication {20 x 106) is given by a
special rig installed in the 8 't transonic tunnel at NASA-Langley, where a large wing is
tested between area ruled walls to validate the laminar flow control concept at full-scale

(Figure 6 and ret, 4).
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C) New Pressurised Subsonic Tunnels have been recently put in operation by O@FRA at Toulouse-Le
Fauga (4,5 x 3,5 m , Pta = 4 bars) and gy RAE at Farnborough (5 x 4,2 m , p ta = 3 bars)
which permit to reach morg'than Re = 7.10° on a complete model with high liftssyétems and to
analyse separately Reynolds and Mach numbers effect (Fig. 4).

D

Finally, cryogenic temperatures in the return circuit can be obtained by liquid nitrogen

injection which permit to multiply the Reynolds number by a factor of 4 for given stagnation
pressure and Mach number (ref. 6). This cryogenic technology have been recently developed both
} in US and in Europe, at first on several transonic pilot tunnels {(NASA-TCT, ONERA-T2), aEd
then for the ghev large transonic NTF tunnel at NASA/Langley (test-section: 2,5 x 2,5 m,
Rec =120 x 10" at M = 1, see Fig. 7. and ref. 5) and .for a modified subsonic tunnel at DFVLR/
Pofz-Wahn (test-section: 2,4 x 2,4 m, Re ~ 8 x 10°); an European Transq?ic Cryogenic ETE
tunnel is under study by a NLR/ONERA/RAE/DFVLR team (test-section 2,2 x 2 m", Rec ~ 50 x 10
at M = 0,9).

It is interesting to s%e. on Figure 8, that the strong influence of the Reynolds number
variation, up to 40 x 107, has been already demonstrated by a 2Dim. supercritical wing testing
(NASA/DFVLR) in the Langley cryogenic pilot tunnel and in other facilities.

Al

But it must be reminded some new problems, unique to cryogenic tunnels, with their very cold
testing environment (120°K instead of 300°K!):

- New testing techniques and procedures;
- New model fabrication techniques (metal, composite...)}
- New model equipment (forces, pressures, accelerometers...). H

Sophisticated instrumentation must be developed for:

f

r

i

!

! . a precise detection of the boundary layer transition, and
F . precise model thermal conditioning and control.

It remains also some old problems in such pressurized tunnels:

. interference corrections for huge model-support systems;
} . precise on-line measurement of model deformations.
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HIGH REYNOLDS NUMBERS
THROUGH CRYOGENIC TECHNOLOGY
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BETTER APPROACHES TO REMOVE THE WIND-TUNNEL WALLS CONSTRAINTS:

- Better wall corrections are now calculated for both plain and transonic perforated/slotted test
sections (see next paper Nr. 2, by AEDC/ONERA);

- But another approach is the development of "adaptive walls" with a computer in the loop to
monitor the wall deformation giving an "infinite" environment around the model (ref, 6}, thus
avoiding wall correction; furthermore a larger model chord can be used for a given test
section; such a concept is already operational in the ONERA/CERT T2 tunnel for 2Dim. transonic
t.sting, (Figure 9) and will be combined with the cryogenic technology in the near future
(plow-down operation with cold model injection in the test section).

INTEGRATION OF COMPUTATIONAL FLUID DYNAMICS AND WIND-TUNNEL TESTING

The increasing role of the computer is certainly the most important fact in  the last few
years. As shown on the table of Figure 10, the computer is already used for improving the test
operations, and to correct wind-tunnel data; in the near future, its role will be extended for
CFD codes assessment and as a guide during testing (interactive CFD).

The spectacular improvement of wind-~tunnel efficiency (measured in millions of informations given
to the customers every year) is illustrated on Figure 11 for the two major tunnels of the

ONERA/Modane Center, thanks to a better computer integration for data acquisition/reduction
during the last ten years.

PROGRESS IN COMPUTATIONAL FLUID DYNAMICS (C.F.D.j:

The exponential progress in both hardwire and software since twenty years will certainly open the

way to very powerful "sup -~-computers" ¢ dircated to CFD in the next twenty years (ref. 7).
This trend is illustrate. .. “.gv 1z, where we have plotted the capability of Computational
Fluid Dynamics to solve n end wure sophisticated equations for a theoretical approach of

Aircraft Design, as a function of the computer development since 1960 and for the future
(approximatly scaled in computational speed, in Mflop).
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But there are some important conditions for progress in CFD:
- Increasing storage capacity of the computers available on the market.

- Better ability to generate coordinate systems for complex Aircraft configurations.

- Development of sophisticated algorithms to solve the flow field equations, including discon-
tinuities (shock-waves, vortex sheets, strong separations,...} by finite difference, finite
element, spectral methods,...

- Capability for modelling turbulent flow to be introduced in future Navier-Stokes approaches
(Reynolds averaged, large eddy simulation)

...and better ability to visualize the computed results (quick analysis, decision to reorient a
costly programme,...).

TOWARDS A NEW AERODYNAMIC DESIGN METHODOLOGY FOR AIRCRAFT:

Up to now, with the present computer capability, the Aircraft design work is limited to the study
of simplified models before extensive wind-tunpnel evaluation of various shapes of a new project;
and the computer is extensively used for "identification", i.e. to understand the problems shown
by the wind-tunnel results and to extrapolate them to flight conditions.

In the future, with the availability of some 'supercomputer" the manufacturer will certainly be
able to calculate an "optimized" design before wind~tunnel testing, for validation, on a
sophisticated large model in the best facility available (cryogenic capability?).

This trend is illustrated on Figure 13; but wind-tunnel and computer approaches will still remain
balanced and complementary to develop an optimized new Aircraft during the next decade.

1-5
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- Un the Wind-Tunnel side, Figure 17 illustrates the main methods used for ACT Research:

Tests on "rigid" models with active control surfaces to generate a comprehensive data base un
unsteady aerodynamics, mandatory for an ACT Aircraft project; such a programme recently
pertormed by ONERA/ MBB/VFW/AEROSPATIALE in the large 351 Modane Tunnel 1s illustrated on

Figure 18.

Two other approaches: free-flying Aircraft model catapulted through a local jet (to simulate
vertical or lateral gust, French IMFL Laboratory), or semi-free model behind a gust penerator
in the test-section (DFVLR-Braunschweig) will be described in paper Nr. 17 during this
Symposium; at ONERA, we have recently validate a gust generator system in a pilot-tunnel for
future application in the large S1 Medane tunnel in view of generating, in the front of big
models, some prescribed gusts up to transonic cruise regime.

Another approach 1s used by NASA/Langley with remotly piloted free- flying ACT model in their
full scale tunnel open section.

Finally, aeroelastic models with active flutter control system are used since several years in
the NASA/Langley TDT tunnel and in the ONERA/Modane S2 tunnel to validate adegquate flutter
control laws for military Aircraft (with dangerous external stores) or Civil Aircraft prcject
(with flexible high aspect-ratio wings). This approach is also used in flight on FPRV vy
NASA-Dryden (see paper Nr. 20 during this Symposiumi.
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SUMMARY

In response to the increased complexity and cost of testing, wind tunnel operators
are doing many things to improve test effectiveness. This paper describes several recent
innovations designed to increase the amount of information obtained during a test, to re-
duce information unit cost, and to improve data quality.

INTRODUCTION

During the past few years the complexity of wind tunnel tests has increased dramat-
ically. 1In the larger facilities, it is exceptional to conduct a test with only a single
six-component balance and a base pressure measurement. It is not now uncommon to install
a wind tunnel model with two or more balances and make a few hundred pressure measure-
ments at the same time. It is not surprising that ONERA's experience, Fig. 1, shows that
the amount of steady-state data acquired in ONERA tunnels SIMA and S2MA has increased by
1000 percent in the past decade. As a result of this activity, wind tunnel operators
have been encouraged by their customers to improve test effectiveness. The operators are
responding along three fronts (1) increasing the amount of information, as opposed to
data, which can be obtained in ground test facilities, (2) reducing test costs per data
unit, and (3) improving data quality. These goals are interrelated, but their evaluation
is generally difficult because a good measure of test effectiveness applicable to a wide
range of test types has not been found. However, the lack of an effective measure is not
a deterrent to progress. Efforts to increase the amount of information have led to im-
proved test techniques, improved model and environmental simulation, and new and improved
instrumentation systems. Efforts to reduce costs have taken several upproaches: develop-
ing methods of (a) obtaining only the required information rather than full data matrices,
(b) taking data faster, (c) testing at the lowest possible Reynolds number, and (d) using
computations to plan, correct, verify, cxtrapolate, interpolate, and interpret test data.
Efforts to improve the data quality are being directed toward (a)} improving tunnel flow
uniformity, (b) reducing and correcting for support interference, (¢} reducing and cor-
recting for wall interference, (d) improving simulation techniques, and (e) improving
measurement techniques and accuracy. A potpourri of the results from several of these

efforts chosen either from AEDC or ONERA experience are discussed herein.

PROPULSION SYSTEM SIMULATION FOR TRANSPORT CONFIGURATIONS

Today about half of the direct operating costs of civilian transport aircraft are
spent for fuel. This fact has induced the aerodynamicist to embark upon a tremendous ef-
fort to reduce cruise drag. A large drag contributor, and one which can be reduced, is
the engine "installation' drag which depends upon the shape of the engine nacelle and
pvlon, its placement with respect to the wing, and the interaction of the jet efflux with
the surrounding flow field., Two methods are being used currently at ONERA to simulate
engines and their jets - blown nacelles and turbine-powered simulators (TPS). A typical
TPS installation is shown in Fig. 2.

The force accounting system used by ONERA with the two techniques is depicted in Fig.3. A flowthrough
configuration must be tested with the blown nacelle technique to obtain the inlet drag increment between
the flowthrough and faired inlet configurations as well, The TPS eliminates the main part of this incre-
ment by simulating the fan inlet mass flow and the total exhaust flow. In that case, flowthrough confi-
gurations are still used to measure the smaller difference between the drag of the TPS inlet (adapted

to the fan mass flow) and the drag of the real aircraft inlet (adapted to the total engine mass flow).

There are two factors that are critical to the success of each technique. First,
the thrust calibrations must be done accurately at the altitude pressure of the wind tun-
nel tests. Second, the high-pressure air must be ducted around the balance to provide
repeatable interactions which can be removed through calibrated correction tares. Be-
cause of the piping/balance interactions, the techniques are generally used with half-
span models and external balances wherein sufficient space exists external to the model

* The research reported herein was performed by the Arnold Engineering Development Center, Air force
systems Command and by Office National d'Etudes et de Recherches Aérospatiales (FRANCE)}.(U.S. work and
analysis for this research were done by personnel of Calspan Field Services, Inc., operating contractor of
the aerospace flight dynamics facilities at AEDC). Further reproduction is authorized to satisfy needs of
the U.S. and French Governments.
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to duct the high-pressure air around the balance. A typical installation is shown in
Fig. 4, which is an illustration of a transport aircraft configuration in the SIMA tunnel

at Modanc. Figure 5 gives two examples of data repeatability within a test program.

The quality ot these results, improved by repeating some tests and statistical surveys,
allows the ranking of model configurations differing by less than one percent of drag at
the cruise condition.

| ENGINE AIRFRAME INTECRATION TESTING FOR COMBAT AIRCRAFT

Dassault and ONERA have worked out a combat aircraft model design and measuring sys-
tem to give reliable Jdetermination of improvements to (1) internal duct performance and
stability, especially at high incidence and transonic conditions, and (2) thrust-minus-
Jdrag at supersonic conditions., Both kinds of tests are done on the same model (about
1/4-scale) in SIMA at high incidence and in S2ZMA for the supersonic conditions. Figure 6
shows the principle of the model design. The forebody including the inlet is metric; the
; loads are measured by a six-component balance. The forebody is linked to the rear por-
tion of the model bv rubber secals that provide the necessary air tightness. Mass flow
and pressure recovery are measured at the compressor face and are used in an engine math
model to calculate thrust. Thus, it is possible to compare forebody configurations on
the basis of thrust-minus-drag. This procedure reduces the amount of testing previously
needed for such comparisons and improves the reliability of the results. The drag coeffi-
cient repeatability is approximately $0.0002.

CONSTANT PARAMEIER TESTING

One of the most obvious ways to reduce testing costs is to reduce the amount of
data required to obtain the desired information. A method of doing this is to place a
model and support system under computer control such that the model may be tested at a
constant value of some aerodynamic parameter.2 The advantage of such a test technique is
shown by the example in Fig. 7. The traditional method for determining optimum cruise
Mach number entails taking as many as 180 data points per configuration to establish the
incidence versus Mach number at constant 1ift coefficient from which the cruise drag co-
efficient versus Mach number is derived. However, under computer control, one may test
at a constant value of 1ift coefficient and obtain the same information with only 20
points; Mach number is varied manually or by the computer if the tunnel is automated. In
addition, if the model contains remotely movable control surfaces, the constant 1ift co-
efficient data can casily be obtained at trimmed conditions corresponding to onc or more
center-of -gravity locations. With the use of the online plotting capability available in
many tunnels, the optimum cruise Mach number can be identified almost immediately, saving
all the posttest data analysis time required when using the traditional method. Thus,
using the constant parameter method, configuration variables can be evaluated much more
economically. Of course, once a configuration is found which satisfies the design re-
quirements a complete set of static stability data can be obtained for the final configu-
ration.

The constant parameter technique has been very effectively employed in full-scale”
tests with operating engines such as the one shown in Fig. 8. Data were desired at five
flight conditions, each spanning the flight vehicle weight and center-of-gravity range.

A schematic of the control system is shown in Fig. 9. The vehicle contained a six-
component balance and five remotely controlled parameters: the engine throttle and four
control surfaces. The PDP-15 computer serves as the data acquisition system that passes
engineering unit data to the facility computer. The facility computer contains the trim
control algorithms and computes the command functions for the independent variables which
are passed either to the PDP-15 or an independent controller which sets model attitude.
The constant parameter system was set up so that all moments were held at zero about a
specified center of gravity. The engine throttle was automatically controlled so that
vehicle thrust-minus-drag was either zero or some specified value. Corrections for strut
interference and tunnel flow angularity were included in the control algorithm. After
the computer had set a point which corresponded to steady flight at a given Mach number,
attitude, vehicle weight, and center-of-gravity location, a full set of data was auto-
matically taken to define completely the vehicle performance at that point. It was esti-
mated the cost of the program was between 15 and 25 percent of that required by tradi-
tional methods.

OPTIMIZING PARAMETERS

A natural outgrowth of constant parameter testing is the development of a technique
to optimize a given aerodynamic parameter by computer manipulation of the available con-
trol surfaces. The optimization concept consists of automatically adjusting a model con-
figuration parameter (wing flap or slat deflection, horizontal tail angle, canard angle,
etc.) to maximize a designated merit function (l1ift, drag, etc.) subject to various, im-
posed constraints (constant 1ift, constant drag, structural limits, etc.). A program to
demonstrate the technique4 utilized four independent model variables - lcading- and
trailing-edge flap angles, horizontal tail angle, and angle of attack - to minimize drag
for a constant value of 1ift coefficient, to maximize lift for a given value of drag, and
to maximize 1ift-to-drag ratio for a given drag.

The optimization program operates in two distinct modes termed "incremental' and
"simultaneous.'" The optimization process indicated in Fig. 10 begins with the incre-
mental mode wherein at a given Mach number and altitude condition cach independent vari-
able is perturbed from its initial setting to gecnerate gradient influence vectors of the
function to be optimized and any specified constraints, for example, optimize lift-to-drag
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ratio and constrain drag coefficient. After the gradient vectors are established, the
gradient projection algorithm calculates the independent variable directions for either
minimizing the specified merit function or satisfying the constraint. The simultaneous
mode then systematically drives all independent variables in the proper direction at rela-
tive increments for a sequence of 11 test points. The sequence is aborted if any of the
constraints is violated by more than a prescribed tolerance. Upon completion of the
sequence, the computer selects the best of the simultaneous mode points, repositions the
independent variables to that condition, and repeats the incremental mode. The incre-
mental-simultaneous cycle continues to convergence. An example of a convergence sequence
is shown in Fig. 11 in which lift-to-drag ratio is maximized, constraining drag coeffi-
cient to 0.22 ¢ 0.006. The optimization used three independent variables: pitch angle,
leading-edge flap angle, and trailing-edge flap angle.

The most complicated optimization done to date was accomplished on the Self-
Optimizing Flexible Technology (SOFT) wing program.5 The SOFT wing model, Fig. 12, had
12 independent variables which controlled the wing camber, thickness and twist distribu-
tions along the span, pitch angle, and tail angle in a manner to optimize specified merit
functions while satisfying specified constraints as a function of flight conditions. The
wing was constructed using a steel center span and a flexible steel and fiberglass skin
attached to 12 individually controlled hydraulic actuators. The 12 actuators were de-
signed to vary the leading-edge radius and the wing contuur at the 15-, 25-, 65-, and 80-
percent chord lines. However, in practice the leading-edge radius was not changed to
avoid excessive stress in the skin. A hydraulic actuator was also used to control the
horizontal tail so that tests could be conducted with the vehicle continually trimmed.

An example of a series of iterations to minimize drag with 1ift coefficient consirained
to 0.25 and pitching moment to zero is shown in Fig. 13 along with the drag polars of the
basic and optimum wing contours. A drag reduction of 0.0026 was achieved at the 1ift co-
efficient value of 0.25.

PHOTOGRAMMETRIC DEVELOPMENT AND APPLICATION

Airfoil deflections caused by airloads were expected to be larger than normal for
the SOFT wing model because of designed flexibility of the wing. In addition, proper in-
terpretation of the data required that the wing contour be measured under load. The only
practical means to accomplish this was through the use of a photogrammetric technique
wherein stereophotographs of the model were taken of the optimum contours during testing
and processed offline to obtain the actual airfoil shape, wing twist, and dihedral.

The photogrammetric analysis system developed at AEDC® uses 70-mm Hasselblad
cameras and a Keffel § Esser DSC-3/80® analytical stereocompiler interfaced to the AEDC
computer system. A light system has been devised which will project an orthogonal grid
onto a featureless model to aid in reading the fiim. A photograph of a body used in
verification of the system, illuminated with the orthogonal grid, is shown in Fig. 14.
The model was photographed from eight positions. The data were read, merged into a three-
dimensional representation of the model and displayed on an interactive graphics system,
Fig. 15, which is used for quickly checking the results. As part of the system verifica-
tion, the stereophotographs were read by three operators and compared with precise meas-
urements of the body. A measurement accuracy which varied from $0.13 to $0.25 mm was
obtained.

A portable-computer interfaced digital theodolite system, Fig. 16, is being devel-
oped which will be used to measure control point locations on a given test article. Con-
trol points are points of known locations which are used to ensure data accuracy. When
the theodolites, which are a known distance apart, are vectored to a given point in space,
a computer program will compute its location with respect to the mounting bar and trans-
form the coordinates into any other desired axis system.

In addition to use in thc SOFT wing program, the stereophotographic system has been
used to measure twist and dihedral of a full-scale cruise missile wing, deflection of a
cryogenic space shuttle tank under airload, and ice buildup on the leading edge of an air-
foil. The icing test posed a peculiar problem. At some test conditions glaze ice (clear)
formed which did not have enough opacity to cause the projected orthogonal grid to be
visible at the ice surface. Fortunately, however, the ice buildup was very irregular and
contained enough features so that good results could be obtained by a skilled operator.

Two future applications appear very promising. The stereophotographic system can
be used to obtain as-built, test model coordinates which can be fed directly to a compu-
tational fluid-dynamics grid generation program. Work is underway to develop the soft-
ware for this application. The second application is to obtain coordinates of ablating
or eroding reentry vehicles under test in either ballistic ranges or arc heaters.

CONTINUOUS CAPTIVE TRAJECTORY SYSTEM

The captive trajectory system (CTS) installed in the AEDC 4-ft transonic Aerodynamic

Wind Tunnel (4T) provides the capability to determine the separation trajectory of a

store as it moves away from its aircraft. The system uses a computer-controlled six-
degree-of-freedom mechanism to position the store at the appropriate place in the flow
field. A typical CTS installation is shown in Fig. 17. The store model contains a five-
or six-component balance with balance diameters as small as 4.8 and 7.6 mm, respectively.
Trajectories beginning from the captive position are generated by the computer solving

the equations of motion to predict a position change based on the measured store loads.
The "move and pause'" technique based upon position control has been used at AEDC since
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1968. The system automatically moves the store to the predicted position, pauses, com-
pares the new position with the predicted value and, if within tolerance, makes a new
prediction.

In 1978, motivated by increased testing costs, a research program was undertaken at
AEDC to speed the trajectory generation process. That effort has produced a velocity-
controlled system that provides continuous store motion and a significant decrease in
test time. The increased productivity was accomplished by moving from a single-user,
single-task computer system (circa 1955) to a multilevel, hierarchial, distributed pro-
cessing system,/ shown in Fig. 18, which applies processing power at the point it is
needed. The distributed process network is attractive because of the decrease in cost
and the increase in processing power of small computer systems. In the gencric system
depicted in Fig. 18 the center computer (level 1) provides archival data storage, data
editing, and analysis capability through interactive graphics and a large processing
capability for mathematical modeling of aerodynamic phenomena. The facility computer
(level 2) is a medium-size machine whose function is to provide the management, coordina-
tion, and direction of testing events and to perform the primary data calculations and
display functions. The third and fourth level machines are various mini- and microcom-
puter systems dedicated to a single function. The typical minicomputer at the third
level is a srall-to-medium-size machine with perhaps 256K bytes of 16-bit main memory and
10M bytes of remote disk storage. These systems have multichannel analog and digital in-
put systems through which raw data are obtained. Information can be output through
digital-to-analog converters for test article or test environmental control functions.
The third level computers, through computational speed and restricted functions, provide
essentially real-time control and data display functions. The fourth level of the dis-
tributed network utilizes 8-bit microprocessors. They provide instrumentation and process
status, alarm monitoring, dedicated control, and data acquisition functions.

That portion of a distributed processing network concerned with trajectory genera-
tion is shown in Fig. 19. The complete data sct for a given test is kept on file in the
central computer until the final test report is completed. During that time the data are
available for editing, recomputation, and plotting through the interactive graphics ter-
minals. The facility computer contains the test management software required to coordi-
nate the testing process and all of the initialization information required for the tra-
jectories. In addition, it performs some post-trajectory data processing and passes the
total data information, online, to the central archival storage.

The trajectory generation processor performs the rcal-time trajectory gencration
function. Test conditions, updated twice per second, are obtained upon request from the
Digital Multiplexer and Control System, which also contains operator-selected parameters
and serves as the aircraft controller. The Digital Data Acquisition System provides en-
gineering unit store loads and position information acquired at 100 Hz and passed through
an autoregression digital filter that maintains a continuous average (over one-half
second) of the data. The real-time graphics system allows the progress of the trajectory
to be monitored as it is generated and provides near-real-time transfer of the data to
the facility computer. The system is interactive which allows local selection of paruam-
eters to be displayed. The CTS control system is a network of seven dedicated micro-
processors that accept position or velocity commands for cach of the six-degree-of-free-
dom mechanisms and controls the drive motors to maintain the commanded paramecters.

Implementation of velocity control required modifications to the software pre-
viously used to control position. Trajectory positions have been predicted by integrat-
ing the acceleration vectors determined from the measured store forces and moments. Of
course, the component velocity vectors can be calculated from the same information. The
calculated velocity components are modified so that (1) the CTS rig movement in the six
directions is in a coordinated time scale and (2) one of the six drive motors is operat-
ing near its maximum speed. In the maximum efficiency mode, the time scale is changed
along the length of the trajectory so that both of the above constraints are always
satisfied. Some of the other program options available are pivoting two-stage fucl tank
release, missile rail launch; aircraft pull-up or push-over maneuvers; aircraft banked
and/or diving flight attitudes; calculated add-on aerodynamic cocfficients, to simulate
drogue chute deployment, for example; and active autopilot guidance and control system
simulation.

The data acquisition cycle is initiated when the store passes through the last pre-
dicted trajectory position. The trajectory calculations and communication requirements
between the several processors require a finite amount of time, Fig. 20, The timec re-
quired depends upon which of various program options arc exercised, but ranges between
0.1 and 0.5 sec. During that time the CTS rig will have moved somec distance, &S, from
the last predicted position. In order to compensate for the error that could be intro-
duced, the new position vector is calculated from the actual position at the time the
command is given, S,, rather than the old predicted value, 8;, i = 1,2,3,... in Fig. 20.
| This procedure tends to eliminate an accumulated position error in the system.

Verification tests have been conducted by comparing trajectories obtained at the
same conditions utilizing both the continuous and move-pausc modes. Figure 21 shows such |
a comparison., In most instances, the parametcrs describing the trajectories, particular-
ly the distance coordinates, are identical as shown in Fig. 2la. Discrepancies which do
occur are generally in the angular directions. Figure 21b shows one of the worst agrece-
ments, which is approximately 0.5 deg in store pitch angle over a smull portion of the
trajectory. Although the full-scale time for the two trajectories is, of course, identi-
cal, the actual time required for the ~ontinuous mode is up to a factor of seven shorter
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(depending upon the trajectory) than that required for the move-pause mode. The decrease
in time for a trajectory translates into an average increase in trajectories per air-on
hour from 4.5 in 1977 to 16 in 1981. In one instance, a rate of almost 29 trajectories
per air-on hour was obtained, indicating the potential for additional improvements in the
average.

FLOW-F1ELD MEASUREMENTS

Improvements to calculation methods and research on new wing shapes require a better
knowledge of the flow fields about aerodynamic configurations than is provided by measure-
ments of surface pressures and gross loads. The computer-controlled CTS mechanisms pro-
vide an excellent tool to obtain the desired information. An installation of a five-
degree-of-freedom mechanism in SIMA is shown in Fig. 22. Various sensing probes from
standard wake rakes to hot wires to five-hole directional sensors may be attached to the
mechanism and measurements taken at precise locations under computer control. Figure 23
shows an example of a cross-flow velocity vector map obtained in essentially real time in
SZMA using a five-hole probe. The probe gave at each location a very accurate measure of the flow
magnitude and direction. The data were used for comparison with tneoretical calculaticns.

In other instances, flow-field measurements outside the range of classical tools
may be obtained with laser anemometry. Figure 24 shows the vorticity distribution just
downstream of a two-dimensional profile obtained in S3MA.8 These data were also used for
comparison with theoretical calculations.

INSTRUMENTATION IMPROVEMENTS

Store Position - The quality of CTS trajectorics has been increased by an improve-
ment in the alignment of the store in the captive position. The previous technique used
a touch wire contained in the carriage device to indicate when the store was in the car-
riage position. The disadvantage of the touch wire is that it only provides alignment in
the vertical direction and the touch wire load into the store causes an error in the ini-
tial (carriage position) loads. Recent developments have replaced the touch wire with a
diode light source and a phototransistor detector shown in Fig. 25. The diode emits in-
frared radiation whose reflection from the store 1s detected by the sensor. The strength
of the reflected radiation is inversely proportional to the separation distance. A typi-
cal calibration curve is shown in Fig. 26. Because of the double-valued calibration
function, software is used to detect the sign change in the rate of change of voltage
with position as a safety feature in addition to the normal electrical "grounding' safety
feature which stops all rig movement if any part of the CTS rig or store encounters the
aircraft model. The maximum uscful working distance between the store and sensor is
about 5 mm. The minimum working distance can be as small as 0.5 mm if the sensor is re-
cessed a millimeter or so into the pylon. The primary advantages of the optical sensor
are (1) there is no carriage preload into the store, (2) the sensor size is small (ap-
proximately 4 x S mm), (3) the sensor has good stability and repeatability, (4) the in-
f;ared detector is insensitive to the tunnel environment, and (5) the sensor cost is low
($4 ecach).

Recently, alignment has been improved by adding a small torous target on the store
to provide axial (x) and lateral (y) alignment. The target consists of a black annulus
which absorbs the infrared and a silver center which provides sufficient reflected radia-
tion for the detector. A typical calibration curve is shown in Fig. 27. It should be
possible to improve the l-mm x,y position accuracy by reducing the size of the target's
reflective center. Tests demonstrating the effectiveness of the device and thus the im-
proved accuracy in setting the store to the carriage position have been conducted.

Electro-Optical Interferometer - The application of electro-optical devices to the
measurement of model angle of attack or component deformation has also been demonstrated.
The technique does require small retroreflectors to be mounted flush with the model sur-
fice. The measurements are made with a two-beam laser interferometer? shown schematical-
ly in Fig. 28. Linearly polarized light from a 5-mw helium-neon laser is passed through
a half-wave plate to adjust the polarization angle for efficient transmission through the
downstream prisms. The light beam then passes through a 34-MHz Bragg cell where it is
split by diffraction into two nearly equal intensity beams. In addition, the first-order
beam is increased in frequency by 34 MHz while the zeroth-order beam remains unchanged in
frequency. Both beams are reflected to a beam-separating lens system. The first-order
beam is passed through a birefringement (Wollaston) prism and reflected onto a retrore-
flector located on the model or onto a stationary surface that is used as the reference
beam. The zeroth-order beam is passed through a 49-MHz Bragg cell to provide an object
beam which has been shifted 15 MHz from the reference beam and which still has ncarly
half its original intensity. Using two Bragg cells to obtain the desired 15-MHz optical
carrier provides sufficient separation between the optical carrier frequency and the RF
signals driving the Bragg cells to allow the signal band (carrier * signal frequency) to
be processed without disturbing crosstalk from the Bragg cell drivers. The beam which
has been shifted 49 MHz is reflected to a Glan-Air prism and onto a second retroreflector.
The two pairs of quarter-wave length plates and the birefringement prisms separate the
outgoing beams from the returning beams. The returning beams are deflccted to the vari-
able beam splitter where they are combined and reflected to the photodiode.

Optical heterodyning the two beams at the photodiode can be considered as establish-
ing moving virtual interference fringes of period A/Z normal to the propagation vector of
the beams incident on the retroreflectors. Thus, if the retroreflectors are stationary
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the photodiode will output a 15-MHz carrier signal. As a retroreflector moves, its ve-
locity will cause the virtual fringe frequency to increase or decrease depending upon the
direction of motion. Thus, the frequency change can be integrated with respect to time,
applying appropriate constants, to obtain a displacement or differentiated with respect
to time to obtain an acceleration.

Application of the technique has been demonstrated in the AEDC Transonic Wind Tun-
nel (16T).10 The laser optics and detection electronics were housed in a special environ-
mental box bolted to the top of the test section. The environmental box was isolated
from the acoustic and vibration conditions of the tunnel and cooled with a nitrogen purge
to dissipate the hcat from the laser and electronics. As indicated in Fig. 29 the model
rotation point is some distance behind the retroreflector location, causing the retrore-
flector to move downstream up to 10 cm as the model is pitched. To compensate for this
movement and provide maximum signal strength, the optics package within the environmental
box was rotated by a precision, computcer-controlled actuator as a function of sting angle.
Although not demonstrated, the *2-deg rotation of the optics package would theoretically
allow tracking of the model up to S$1 deg.

Data processing is accomplished with a microprocessor which also corrects for the
movement of the optics package as it tracks the retroreflectors. For the demonstration
experiment, rctrorcflectors 5 mm in diameter and about 5 mm deep were imbedded in the
fuselage of a 1.2-m-long modc] operating over a pitch range from -4 to 35 deg. The
retroreflectors were 9 cm apart. The resolution of the system is 0.001 deg. Shown in
Fig. 30 is the difference between offline measurements with the interferometer and a pre-
cision inclinometer and between the interferometer and the conventional angle-of-attack
calculation using sting and balance readings. The inclinometer and interferometer read-
ings agrec to within +0.002 to -0.005, whereas comparison of the values from the inter-
ferometer and the conventional method is worse by a factor of up to 20. During the on-
line demonstration, the interferometer experienced a signal interruption which, because
the interferometer provides a relative rather than absolute measurement, in essence re-
zeroes the measurement. Since the model did not contain a bubble pack there was no way
to establish a known reference without coming offline.

The deficiency of signal loss has not been casily overcome. Nevertheless, the in-
strument has been successfully used in two other testing applications. In the first in-
stance, the dynamic displacement of a sample of the thermal protective tile on the Space
Shuttle was measured during a wind tunnel test. The tile samples were subjected to a
dynamic environment by the flow over the cavity around the liquid oxygen line into the
Shuttle. The interferometer can measure displacements as low as 0.1 micron at a maximum
frequency of 30 MHz.

The second application was the mecasurement, during the separation dynamics, of the
first 50 msec of a missile staging event in the 12-ft vacuum chamber. The two stages
were mounted on an I-beam system, Fig. 31, which permitted each to move at the initiation
of separation. Two interferometers were used, each measuring the displacement of the
respective stage center of mass from a stationary reference point on the optics package.
Simulation of the scparation ecvent indicated that the reference point moved less than
0.013 mm during the event. Cornercube retroreflectors 1 cm in diameter were used on cach
stage. The separation event was initiated by firing a short duration solid-propellant
rocket motor in the upper stage.

Typical data from the upper stage are shown in Fig. 32. The sharp slope change in
the velocity and acceleration data occurring at 40 msec was caused by the stage en-
countering honcycomb deceleration material. Thirty tests were accomplished without a
single instrument failure. Additional applications for the laser interferometer are
limited only by the imagination of the users.

Inlet Distortion Instrumentation and Data Requirements - Both the steady and un-
steady pressure recovery and distortion patterns of the airflow intakes arc normally mea-
sured with rakes containing about 40 pressure probes. The unsteady pressure transducers
used in this application are necessarily small to minimize duct blockage. However, they
are also highly tempcrature sensitive which, while not affeccting their ability to measurvre
the dynamic pressure componeat, docs make them unsuitable to measure the steady pressure
component. As a result, either dual probes must be _installed in the inlet, which doubles
the blockage, or tests must be conducted twice,!1,12 once for the mean pressure and once
for the dynamic component. This problem has been alleviated at ONERA by tcemperature com-
pensating the dynamic transducers following an original method worked out in cooperation
with the Kulite Corporation. A photograph of a 20-cm-diam, 43-inlet duct dynamic probe
array (37 totals, 6 statics) showing some of the 43 temperature compensation nctworks is
presented in Fig. 33. The quality of thc compensation brings the transducers to an accu-
racy comparable with stcady-statc transducers used with Scanivalves®.

In the mid-1970's engincers concerned with inlet-cngine compatibility were asking
for time-dependent pressure maps showing maximum instantancous distortion patterns. An
cxample is shown in Fig. 34. Frequencies of interest corresponded to the compressor rpm,
i.ec., about 1 kHz tor 0.25-scale models. Today, frequencies of 16 kHz sampled for several
seconds arc being requested. For a typical 50-channel system this leads to data acquisi-
tion rates of 800,000 mecasurcments per second. Two minutes of data recorded at this rate
yield as many data words as are recorded for stcady-state tests in a whole year of tunncl
operation. A recording and pulsc-coded modulation coding system to satisfy this need is
in service at the ONERA facilities. However, not all of the problems raised by handling
such enormous amounts of data have becn solved.
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AUTOMATIC MODEL/DATA/TUNNEL CONTROL

In the last decade development of mini- and microcomputers and progress in data ac-
quisition systems have provided very efficient tools to improve wind tunnel efficiency to
reduce costs in spite of energy cost increases. In most of the large test centers, a
wide range of methods has been worked out to accelerate wind tunnel runs and very often
increase the quality of the data.l

One technique, which has been in operation for more than 10 years, consists of ac-
quiring data while the model is continuously moving, generally through a pitch polar.
Taking some care with analog and/or digital filtering, one gets polars at pitch rates of
several degrees per second 1n supersonic wind tunnels and between 0.2 and 0.6 degrees per
second in large transonic wind tunnels. That method requires that every measurcment
(strain gage, pressure orifice, probe, etc.) be connected to an independent measurement
channel. That is not possible at the moment for large models having more than several
tens of pressure orifices. A recently developed multiport, semiconductor pressure trans-
ducer will probably remove this limitation. Experiments have been made in this way in
SZMA with a 32-channel multiport transducer which has given correct pressure distribu-
tions during a pitch polar at a rate of 0.2 degree per second.

A second technique, strongly associated with minicomputer development, is indicated
in Fig. 35. Evolving from the "pitch-pause" method, automated data systems began in 1971
at AEDC with the Automatic Model Attitude Positioning and Data Acquisition System. The
system became rather sophisticated at ONERA's S3MA by 1973 with the addition of angle-of-
attack positioning, pressure rake position control, and some measurement quality checking.
Automatic control of all wind tunnel activities is still improving with the ultimate aim
of complete automation of the entire tunnel operation, model operation, and data acquisi-
tion processes. The system depicted in Fig. 35 functions as follows:

®The wind tunnel run program is stored in advance in a dedicated computer in the
form of a series of interactive tables specifying model attitude, control surface deflec-
tion, Mach number, Reynolds number, etc. However, the operator is allowed to intervenc
to modify any table at any time from an interactive keyboard.

®Permissible deviations of all set parameters are also specified, for example,
AM = 0.002, and automatically checked by the computer before cach data point is acquired.
In addition, allowable rates of change of dependent parameters may be specified to ensure
that steady-state data are being acquired, for cxample, Ap/At = *10 Pa/sec.

® The sequence is begun by the operator who selects the beginning table and starts
the cycle. The automatic system reads the first table values, adjusts the aerodynamic
and mechanical parameters, initiates the dJdata acquisition cycle when all specified param-
eters are within tolerance, checks the validity of some measurements before they are ac-
quired, displays enough engineering unit information in real time to allow the test team
to stay informed of the status of critical parameters, transfers the data to another,
generally larger, computer for complete processing, and cycles to the next valuc of the
independent test variable.

® Safety of the system is also ensured by the minicomputer which monitors critical
paramecters, e.g., forces, moments, angles, etc., to cnsure that specified limits are not
exceeded.

The automation of testing has two major benefits. First, the automatic system op-
erates at maximum speed all the time, whereas a human operator can sustain such speed for
only a few minutes. Time and energy savings for a complete tunnel run is between 10 and
10 percent. In some particular tests, such as an ONERA power plant simulation which is
limited by air storage capacity, as much data are realized in one run as were previously
acquired in two runs. Second, the data are much more repeatable because the computer is
able to hold much tighter tolerances on all independent parameters and ensure steady-
state values of many dependent measurements.

AUTOMATIC CHECKING OF MEASURING UNITS

The improvement of testing techniques and the appearance of powerful digital means
for data acquisition has resulted in a regular increase in the number of measuring chan-
nels used during tests.l5 For example, within 10 years the number of channels in the
SIMA and SZMA tunnels has increased from an average of 20 to 45 to over 100. Although it
is possible for an operator to check rather rapidly, once a day, the quality of a few
tens of measuring channels, the operation is quite lengthy for a hundred channels if an
accuracy of a few parts in ten thousand is requircd as well. Moreover, experience has
shown that some failures of analog-to-digital converters would lead to isolated unrcalis-
tic readings that would be difficult to detect without the help of computer tools. Thus,
with a view toward improving the measurement accuracy, accelerating the tests, and de-
tecting errors or failures in measuring units, hardware and software have been imple-
mented in the main facilities at AEDC and ONERA.

The problem of checking measurement devices is that of rapid detection of a possible
difficulty in a system composed of several hundred instruments (Fig. 36). An overall
checking method which consists of applying known physical values, whether static or dy-
namic (forces, pressures, etc.), to the measurement device is obviously effective and fre-
quently used, but it is often difficult to implement and, conscquently, limited most of
the time to a few elementary tests: pressure steps on transducers, polars without wind,
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and verification of the zeros on the balances. These tests have, however, the merit of
revealing most of the failures occurring at the level of transducers and their wiring.

With consideration for the extent of the instrumentation implemented, the technique
discussed below is more restricted in purpose but more ambitious in the precision sought:
the point is to provide rapidly the written proof that the fixed parts of the measuring
units, viz, amplifiers, filters, multiplexer-converter(s), various connections and wir-
ings, ars in the correct state required by the test and provide an overall accuracy of
2 x 1077 of full scale. As the transducer supply voltage is automatically checked by
other means, the search for failure is shorter, being restricted to only the transducers
and their wiring. Furthermore, any doubts that may appear concerning the state of the
measuring unit long after a test has been completed will have no foundation if the checks
described below are made.

Figure 37 presents a diagram of the general principle of the ONERA checking method
illustrated with a standard analog channel. In addition to the most direct '"path" be-
tween the transducer and the computer and the decoupling amplifiers, there are voltage
and function generators controlled by the data acquisition minicomputer and capable, via
a "low level switch", of sending calibration signals instead of transducer signals
through the amplifiers and other data acquisition components. A simplified channel, with-
out amplifier or filter, allows direct access to the multiplexer-converter. The general
principle of the checks consists in comparing a theoretical signal controlled by the
minicomputer with the signal measured by the multiplexer-converter with an accuracy on
the order of 1 x 10°4, This is made possible by the quality of the instruments, and
above all by that of the "low level switch" which does not introduce any contact voltages
higher than one microvolt.

The checking method presently functions as follows:

® A/Dmultiplexer-converter - The device is calibrated by automatically applying
voltages in 100 steps between %10 volts. Ten of the steps occur very close to zero. Not
only do these fine incremen*s ensure that zero crossing occurs properly, but they also
ensure that the low order bits are functioning properly at the higher voltage values. A
mean value is calculaved from 32 readings at each step. The entire process requires
about four minutes.

®Correct gain and cutoff frequency - Both the amplifier gain and filter cutoff fre-
quency, which are set manually, are rapidly checked by applying a step voltage to the
measuring channel and monitoring the instantaneous signal value at scveral chosen times
after the step initiation. The complete procedure takes about one minute.

® Zero, gain, and linearity of the measuring unit - Eight voltages are applied to the
measuring unit. After allowing time for the filters to respond, an average value is
calculated from the 32 samples at cach step and compared with expected values. The value
is considered correct if it does not deviate from the expected value by more than *2 mv
(10 v full scale) except around zero where only *1 mv is allowable. Because 32 samples
are taken it is also possible to have an idea of the noise on each channel. An error
message is emitted if the peak-to-peak deviation reaches 5 mv. The duration of this
check depends upon the filter cutoff frequency., For a 1-Hz low-pass filter, the check
lasts about six minutes.

The complete checking procedure takes nearly 15 minutes or longer if heavy filter-
ing is required. It has been proposed to have the checking procedure initiated automat-
ically by the clock before the arrival of the wind tunnel staff. Subsequent checks would
be performed during the operating shift if any doubt appears during the test unit opera-
tion.

REPEATABILITY OF THE TESTS DATA

Wind tunnel operators must constantly strive to privide test data that is not only accuratebut also more relia-
ble. At first, the repeatability of polars during the same test period is essential. But dur1ng the develop-
ment of an aircraft family, the manufacturer often uses a calibration model as a reference during several
testing programs which can extend over several years : wind tunnel tests data must then satisfy a long

term repeatability.

Some improvements of the data repeatability have been obtained in the transonic test §ectiop in the
ONERA S2 Modane wind tunnel. The horizontal walls of the test section are perforateq and gquwped with per-
forated sliding plates inside the plenum chamber (figure 38) which allows for porosity adjustement.

Chiefly in the subsonic range and for the maximum porosity (geometrical porosity 6 V), the repeata-
bility gf the data was deficient. For example, four contiguous polar curves at Mach 0.5 gave dev15t19ns of
5.3 10" for CD (figure 33), Such discrepancies are too large for transport aircraft project evaluation
which requires about 2.10 =% for CD as typical specification

In the closed wall configuration, the repeatability is clearly better (figure 39) : 1:5 10-% for CD.
Such walls perform to the above specification but, unfortunately, involve too large a wall interference
as opposed to the perforated configuration giving negligible constraints,

Spectral analysis of both CN and CA coefficients recorded during four minute intervals shows a large
disparity for the two wall configurations (figure 40), increasing towards low frequency end of the spectrum.
For the closed walls, the amplitudes of CN and CA are very near those recorded without wind. Thus the
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repeatability deficiences were due to very low frequency phenomena induced by a non-linear characteristic
of the perforated walls : static pressures on the walls and total pressures inside the perforations exhi-
bited pressure variations (with long periods) when the difference between test section and plenum
chamber pressures were negligible.

For the case of the maximum porosity walls, a numerical filtering, at very low cutting frequency,
was applied to the data. This method improved the repeatability by a factor of two (figure 39) but still
does not meet the criteria. As a result the angle of attack sweeping speed during the tests must be redu-
ced.

But thanks to a reduction of the porosity, by sliding the translation plates, the CL variances are
quickly improved (figure 41). For the value of the geometrical porosity 2.9% the CL variation is reduced
to the value obtained for closed walls. Under these conditions, the repeatability for four contiguous
polar curves are now 1.5 10-%4 for CD. The 1ift gradient deviations are reduced by Stimes (figure 42); the
wall interference is tolerable (2.5 % in CLq).

This example shows the effects of improvements in the flow quality on the repeatability of the
dat aprovided to the customers.

CORRECTIONS APPLIED TO WIND TUNNEL DATA

Generaly, the model size is chosen as large as possible to obtain large Reynolds number. On the other hand,
the support system size increases with the aerodynamic loads; accordingly the determination of equivalent
data corresponding to “"unconfined" flow, without support needs some corrections.

The sting interferences can be deduced from measurements of local pressures, at the fuselage loca-
tion, with and without the sting to take account into the flow quality. Figure 43 shows the pressures in-
duced by a "7" sting used in the S2 Modane wind tunnel for a transport aircraft model in longitudinal
configuration. Theoretical calculations can give the overall field of the support (intensity and orienta-
tion). For this purpose, Aerospatiale [16] has developed computer programs based on subcritical potentiel
calculation in inviscid flow using a method of singularities distributed on panels with compressibly cor-
rection. Such theoritical data are in good agreement with experimental measurements (figure 43).

The current computer capacity allows caculations of sophisticated mounting schemes , as illustrated
on figure 44, for the analysis of the drag interference due to a “7" sting on a fuselage afterbody. By
comparison with the Kp distribution, without the "Z" sting, such calculations allow an optimization of the
mounting for minimum interference. The interference of the two-stings on the fuselage shown on figure 45
are very small (aKp < 0.01).

Another example is relative to the study of the longitudinal location of the “Z" sting in the rear
part of the fuselage : a rearward location gives a small interaction localized on the afterbody, whereas
a forward location of the sting modifies the whole fuselage field.

Even with the optimized sting location, the buoyancy correction remains important : for the con-
figurations shown on figure 43 the CD for Mach 0.8 must be corrected by 16.10 -4,

The downwash at the horizontal tail, due to the sting effect must be known to obtain the true tail
setting; Up to now this correction is obtained by a theoritical approach.

Wall interferences usually involve corrections for conventional test sections. The knowledge of the
perturbation velocities iaxial and vertical) induced by the walls gives the corrected Mach number and
local angle of attack distributions along wing, tail and fuselage. By integration, these local corrections
give the overall correstions to the aerodynamic coefficients and® . Much better wall corrections can be
applied since the development of sophisticated computer programs. A recent AGARD/FDP meeting, in London
(may 1982) has devoted two sessions for the wall effects in conventional test sections and one session
for the new adaptive walls concept [17].

especially for large transport aircraft models in the transonic S1 and S2MA wind tunnels, The mathemati-
cal description of the model has been improved by increasing the number of singularities and by taking
into account their exact location inside the test section : this parameter is more important for large
:ngles of attack of fighter models. Moreover, the mathematical modeling includes the model support sys- !
em.

]
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At ONERA, new approches are in progress [18] to increase the accuracy of the wall corrections,
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A sufficient theoritical description is verified by measurements of the wall pressures for closed !
wall testing : the comparison between measured and calculated distributions shows (figure 45) a poor a-
greement with only one doublet representing the model volume; a good agreement is limited to the first
part of the fuselage with 20 doublets representing the model volume; but with 15 more doublets for the
sting, the agreement becomes satisfactory all along the walls in front of the model. For the 1ifting
term, described by a vortex sheet, the comparison deals with the measured and calculated gradient of
Mach number between top and bottom walls versus CL. Figure 46 shows the good agreement obtained on two
orthogonal sections (X, Y = 0).

Formerly, the porosity factor laws were deducted, for a test section from reference tests in a clo-
sed wall section or in a very large tunnel, with the same model; but now, the porosity distributions,
;1:?9 the walls, are obtained "in situ" from a comparison between measured and calculated pressure distri-

utions.

For 2 Dim. testings, the wall corrections are calculated directly from the model "signature" on
the walls, avoiding the using of porosity factor [19].
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For 3 Dim. testings, the formulation of the same method exists, but is not yet applied for routine
tests; an indirect method is studied through the explicite evaluation of the porosity factor distri~
bution on the walls., Some investigations on uniform porosity concept are in progress in S1 and S2MA
tunnels. Using a parametric calculation of the blockage and 1lift "signatures” on the walls, versus

the porosity factor, a comparison with the measured distributions has been obtained in the S3MA wind
tunnel equiped with perforated walls, The above assumption of the uniform porosity concept is confirmed
ag shown on figure 47 and 48, at least for this case.

The corrected data accuracy depends directly on the sophistication of this mathematic modeling.

Up to now, some parts of the model, like nacelles, separated regilons for ventilated walls, etc.., are not
taken into account in the mathematical description of the aircraft model, due to computing difficulties
and/or excessive time requirements.

TEST DATA COMPARISONS

The usual way to evaluate test data accuracy remains the comparisons of various test, obtained from:
- data on the same model in the same wind tunnel with various configurations (plain, slotted, perforated)
- data on the same model in several wind tunnels with various test section sizes,

- data on similar models in several wind tunnels.
Of course, a correlation between wind tunnel and f£light data will be the ultimate objective.

In this view, a program was initiated in 1969 by ONERA [20] to test a serie of similar calibra-
tion models, representative of a transport aircraft ip various transonic tunnels in seven countries. A
paper, limited to the results obtained with the largest model (M5) in six establishments (AEDC, NAE,
NASA Ames, NLR, ONERA, RAE) was presented at the AGARD/FMP Meeting in Paris in 1977 [21]. Figures 49,
50 recall some of these comparisons on the aerodynamic forces and on mean chord pressure distributions.

For development tests, ONERA has in operation : three tunnels at Modane (Sl, S2, S3MA), one at
FAUGA (F1) and one at TOULOUSE (T2); thus many correlations are available between data obtained in these
tunnels on the same or similar models.

In two~dimensional flow, the recent operation of the T2 tunnel with adaptive walls [221 allows
an interesting comparison with the data on the same supercritijcal CAST 7 wing section obtained in S3MA tun-
nel equiped with conventional pertorated or plain walls. The Cl, & curves, obtained at S3MA vith closed
and perforated walls are very different before wall ctorrections. Applying these corrections, a good
agreement 1s obtained. Furthermore those S3MA results (figure 51) correlated very well with the T2 data.
Although the wall signatures are very different for the three test section configurations, the pressure
distributions on the profile are very quite similar (figure 52). The advantage of adaptive walls is ob-
vious, because the ratic between the profil chord and the tunnel height in T2 is twice the value used
in S3MA,

In three dimensional flow, a comparison of data obtained in Fl and SIMA tunnels on a fighter mo-
del (figure 53) shows a good agreement even at very large angles of attack, up to 35 degrees. Some other
correlations are not so encouraging, especially with separated flow (figure 54) even before the vortex
bursting [23].

Figure 55 gives a comparison between the Fl tunnel data on a 1/10th scale model of the MERCURE 100
aircraft and the flight data provided by the DASSAULT company. For cruise and take-off configurations,
the agreement is very good. For the landing configuration tests were made with the undercarriage up in Fl

and down in flight : but the trimmed polar curves are still parallel for the take-off configuration as
indicated,

Such correlations give confidence in wind tunnel predictions but they need a permanent effort
from wind tunnel operator to improve the test methndologies and specific contributions from the manufac-
turers.

CONCLUDING REMARKS

This paper does not give an exhaustive review of recent innovationsin wind-tunnel operation. For
exemple, Acroelasticity and Active control, to be discussed by other authors in their symposium, have
been omitted as well as discussions of cryogenics and adaptive walls tunnels and on-line wall interference
assessment in conventional tunnels which are today not ready for customers. Progress in test effectiveness
has taken so many approaches that a full survey would look like a windtunnel operator handbook. However
the authors endeavoured to illustrate the trends along the "three fronts" :

- increasing.the amount of information,
- reducing test costs per data unit, and

- improving data quality.

These permanent challenges arise from the evolutionary requirements of flying vehicles. Figure 56
sketches some of the relations between customers needs and test improvements. These improvements make up
a fundamental aspect of wind-tunnel work, strongly supported... and seldom challenged... by computer pro-
grams, Future progress will continue the integration of computational power with improved test techniques
to yield and optimal wind tunnel system to maximize test effectiveness.
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SUMMARY

A systematic approach of integrating the best of ground tests, flight simulators, and flight tests was
developed and used for aerothermodynamic flight envelope expansion for the Space Shuttle Orbiter. Equations
and parameters were selected which were appropriate for the flight simulator at the Air Force Flight Test
Center (AFFTC) and also for the reduction of flight data from imbedded thermocouples. Transient flight test
maneuvers were designed using the simulator and suggested to the National Aeronautics and Space Administration
(NASA) ar the Johnson Space Center. Parameters were estimated from flight thermocouple data during the ma-
neuvers by a new data reduction technique. The parameters were compared with simulator parameters which were
based on ground test data and theory. The objective, however, was envelope expansion and not data comparison.
Simulator parameters were appropriately and quickly updated before the next flight test. The new flight data
reduction technique could also be valuable in analyzing wind tunnel thermocouple data to reduce test time.

INTRODUCTION

A systematic approach of integrating ground tests, flight simulators, and flight tests is described. The
first step in this approach consists of integrating predictions and ground test data for the heat transfer to
critical points on the Orbiter Thermal Protection System (TPS) into the flight simulator. The data must be
scaled to flight conditions and appropriate simulator equations and parameters selected prior to use in a real
time man-in-the-loop simulator. Next, the simulator is used for flight planning, parametric studies, and de-
sign of transient flight test maneuvers which will enhance flight test data reduction and envelope expansion.
After the flight test, best estimates of simulator parameters are obtained by a new data reduction technique
for imbedded thermocouples which is based on systems identification theory.

Time history comparisons or comparisons at a particular time often result in difficulty. The parameters
that caused variations between predicted and flight time histories can not be identified readily by comparing
time histories. With the new technique, parameters whichwould cause variations are estimated during transients
and compared directly with simulator parameters, which were based on predictions and ground test data. If ap-
propriate, simulator parameters are updated with perhaps some conservatism in mind. These steps are repeated
with subsequent flights, and the data base is enhanced by flight data. Envelope expansion may be accomplished
with transient test maneuvers, while never committing the Orbiter to a more severe environment for any signif-
icant duration.

Predictions and ground test data from various sources must be incorporated into one simulator data base.
Ground tests are normally not exactly at flight conditions, and data must be corrected and extrapolated.
Methods of accomplishing this are often numerous and vary in complexity, and is not a topic for this paper.
The best available data was used and was often constrained by timeliness and by conservatism to insure flight
safety, Simplified equations for the aerodynamic heat rate to the Orbiter TPS, which were used for flight
planning by NASA, were used for some locations.l>Z Wind tunnel data for the ratio of the film transfer coef-
ficient to a reference coefficient on a sphere were used directly for the upper surface especially. A data
base evolved with improvements for the ratio of heat rate to a reference heat rate on a sphere with the var-
iables of angle of attack, sideslip, Reynolds number, elevon deflection, flap deflection, and Mach number.

The simulator equations for aerodynamic heat rate were essentially based on linear interpolation of the
tabulated ratios. This data base can be related to the aerodynamic data base where, for example, stability
and control derivatives are assumed to be linear locally, and tabulated as functicns of the appropriate var~
iables. A similar assumption for the heating results in derivatives for the heat rate with respect to each
variable which are referred to as heating parameters.

Since the TPS is an excellent insulator and radiator, the surface temperature could be approximated by
assuming that the radiation is in equilibrium with the forced convective heating.'s¢ Equilibrium is not as-
sumed, however. The heat rate is assumed to be independent of the wall temperature, and a one-dimensional
assumption through the tile from the surface to the structure accounts for conduction. The temperatures at
discrete nodes or elements through the TPS are obtained from the solution of differential equations which re-
sult from an energy balance. An implicit finite difference or finite element solution technique is used.

The one-dimensional assumption is also appropriate for the flight data reduction method and for simulating the
response of imbedded thermocouples.
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The simulator at AFFTC was used to study the response of existing thermocouples which were imbedded in
the TPS. Numerous thermocouples were located near the surface of the TPS just beneath the surface coatinyg,
as well as others through the TPS to the structure. During some maneuvers which are normally used for per-
formance, the simulated responses of the thermocouples were significant. Transient maneuvers were then de~
signed which would eunhance data reduction and envelope expansion.® Estimation of srability and control der-
ivatives from data during transient maneuvers is a standard technique at the AFFTC.”2*° The technique has alsc
been used for the Orbiter.’ Aerodynamic instrumentation is designed specifically for parameter estimation,
and provides a measurement for each state variable.

The estimation of heating parameters is more difficult, but is possible with current methods from systems
identification theory.® Other parameters in the one-dimensional thermal equations can also be estimated, and
are referred to as thermal parameters. Thus, the thermocouple installation and thermal equations can be ver-
ified and possibly corrected, Confidence will be higher in the heating parameters than in conventional methods
which do not take advantage of transients.?:10 In addition, only data during the maneuvers have to be ana-
lyzed.

The primary purpose of the transient maneuvers, however, is safe envelope expansion. The ranging capa-
bility of a lifting reentry vehicle such as the Orbiter varies considerably with angle of attack. Current
constraints are based primarily on heating. The angle of attack can be varied during a transient maneuver of
approximately thirty seconds duration which is referred to as a Push-Over~Pull-Up (POPU). The angle of attack
envelope can be expanded or placards identified from analysis of a POPU. Limits on the aft center of gravity
are also based on heating constraints for the deflection of the elevon and flap. A similar transient maneuver
during which the flap deflection is varied is referred to as a flap maneuver. The elevon deflects in an op-
posing direction to maintain vehicle trim., Limits on the lateral center of gravity are also based on heating
constraints for sideslip, but a maneuver of sufficient duration has not been designed. The data reduction
method has been developed to take advantage of the transients, as opposed to other techniques which do not.?+10

The data reduction method is referred to as HEATEST for HEATing ESTimation. A digital computer has been
programmed for HEATEST. One-dimensional differential equations are solved numerically to propagate the tem-
perature, the sensitivity of the temperature to each parameter, and the covariance of the temperature to the
next discrete time at each discrete node through the TPS. Whenever a thermocouple sample is available, the
temperature, sensitivity, and covariance are updated by an extended Kalman filter. At the end of the tran-
sient maneuver, or for any time segment, parameters are updated by a gradient algorithm to maximize a maximum
likelihood function for each parameter. These parameters may be the magnitudc of the heating rate ratio,
heating derivatives or variations, and thermal parameters such as effective thermocouple depth, emissivity,
and conductivity factor. Selected parameters are estimated for each sequential time segment, thus allowing
nonlinearity in heating parameters over longer durations.

Originally, feasibility of HEATEST was demonstrated with simulated thermocouple data, wind tunnel thermo-
couple data, and limited first flight thermocouple data with no maneuvers.*»>® Some of these results are pre-
sented. Further development and modifications have been made in HEATEST to improve capability and efficiency.
The present HEATEST program was used to reduce thermocouple data from the second Space Shuttle flight (STS-2)
in which a POPU was performed at Mach 20, Three flap maneuvers were performed at Mach 21, 17, and 14. Results
from the first two maneuvers, at Mach 21-20, are presented. Variations in the heat rate ratio and temperatures
are emphasized and not magnitudes. Although heat rate magnitudes did not agree always with simulator data or
ground test data, derivatives or variations did agree at many locations.

SIMULATOR EQUATIONS

Both the flight simulator and the data reduction program (HEATEST) require suitable simulation equations
for the aerothermodynamic performance of the TPS. These equations and their parameters are referred to in
systems identification theory as the model. Since the Orbiter TPS has a low conductivity and most of the heat
is radiated from the TPS, the heating rate at the surface is assumed to be independent of the surface tempera-
ture. Therefore, the heat rate or heating model can be calculated and then input to the one-dimensional equa-
tions or thermal model.

The heating rate depends upon the vehicle trajectory and the atmosphere. This dependence is partially
accounted for by nondimensionalizing the heat rate by a reference heating rate on a one foot radius sphere.'2
The reference heating (qr) for the Orbiter is given emperically by

4,3.07
q, = 17700 /o (v_/10°)7 " (1-h /b ) (1a)
25
h, = -2 [q./(0e)] (1)
2
hy = <26 T_ + V_°/50063 (1c)

where o0 is the Stefan-Boltzmann constant (4.761 x 10 13), ¢ is emissivity, p is the atmospheric density, V

is the relative velocity, and T_ is the atmospheric temperature. The Englisﬁ Engineering System of units is
used where the heat rate is in British Thermal Units per second per foot squared. Other choices for reference
heating could be used.

The ratio of the heating rate (q) to the reference heating rate (q,) was assumed locally to be a linear
function of the form

a - q/qr - ao + aa («-ao) + aB (B—go)
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+ alog(“) [ 108(RE) - log(RE )]
* aGe(ée_éeo) * a<Sbf(6bi_6bfo)
+ aMm(Mm—Mwo) (2a)
8 =4- 3, (2b)

where gy is the magnitude or intercept at the reference conditions specified by the zero subscript on each
variable. The subscripts on the heating ratio () represent partial derivatives or slopes with respect to each
variable. The variables are angle of attack (x), sideslip (B), logarithm to the base ten of the Reynolds num-
ber (RE) based on characteristic length, elevon deflection angle (8¢), flap deflection angle (&pf), and Mach
number (M,). The variation in heat rate ratio (AJ) from the reference conditions is given by £q. (2b) where the
magnitude is subtracted. To emphasize a comparison with trends and not magnitude during a maneuver, Ag and
the variations in temperature are used for comparisons. For a short time duration or time segment, these par-
ameters or derivatives are assumed constant. The heating ratio q can be tabulated as a function of all the
variables, or each parameter can be tabulated as a function of appropriate variables. The simple form of Eq.
2 allows flexibility and generality to allow corrections or updates to an aecothermodynamic data base, as well
as being similar to wind tunnel data formats. The derivatives are also appropriate for estimation techniques.

Once the heat rate to the TPS surface is specified, temperature through the tile can be calculated by
solving the system of ordinary differential equations which result from a one-dimensional energy balance (sim-
ilar to the partial differential heat equation). A typical TPS cross section for Reusable-Surface-Insulation
(RSI) is shown in Fig. 1. The TPS was split into small elements of length (Ax) for a total of L node points.
Blocks A through D represent different materials with thermal properties which vary with local temperature and
pressure. !l The convective heat rate (q) is input to the surface node (i=1). The surface radiates heat away
and conducts a small amount into the TPS through the thin coating of thickness Axp or Ax;. The surface therm-
ocouple is normally located at the second node (i=2). The interior of block B with effective thickness (lxy)
is divided into elements of equal thickness (Axj). If additional thermocouples are embedded, the distance
between each is divided into elements of equal thickness so that a node corresponds to the thermocouple loca-
tion. 1In block C, the RSI is bonded by Room-Temperature-Vulcanizing (RTV) adhesive to a nomex felt Strain-
Isolation-Pad (SIP) which is bonded to the structure by RTV. In block D, the effective structural thickness
and heat sink complete the one-dimensional cross section where an adiabatic wall is assumed.

An ordinary differential equation for the temperature (Uj) at the ith node point was obtained from an
energy balance for each element. A system of L nonlinear differential equations results and is of the follow-
ing form

(Ci 0, 0%, +Ci oy Bx; 1)/20; = Ki-E/Axi-lui—l - Ry Ak ) Ry /XU + Ky /A U

i+l
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where C is the material specific heat, p is material density, and K is the material conductivity. Coefficients
with subscripts which are less than one or greater than L are zero. The radiation and heat rate terms are
also zero except at the surface and backface nodes. The radiation sink temperature (Uo and Up,]) must be
specified at the surface and backface node. The emissivities on the plus or minus side of the element (eg,
and ¢;.) were zero except at the surface, backface, and honeycomb nodes.

Given an initial condition (Ur), Eq. (3) can be solved numerically by approximating the time derivative
with a first order backward difference given by

U = fugce ) - uce )] 7ac (4)

where At is the time step. The resulting system of implicit difference equations or matrix equation must be
solved simultaneously. The surface node equation with the highly nonlinear radiation term was solved with a
Newton-Ralphson iteration and extrapolation scheme. A tridiagonal algorithm was used for the simultaneous
solution of the remaining difference equations.

Numerical solution of Eq. (3) resulted in an accurate simulation of surface and bondline temperatures.
Time steps and spatial step sizes were reduced to investigate accuracy. A spatial step of .00125 ft (.25cm)
insured accuracy. Time steps up to one second were acceptable. Larger time steps could be used if transients
were not significant.

FLIGHT TEST MANEUVERS

Flight test maneuvers which began on the second Space Shuttle flight were designed primarily for envelope
expansion and placard removal.? The AFFTC simulator was used to evaluate test maneuvers and propose changes
which enhance gerothermodynamic data reduction for envelope expansion. Two types of transient maneuvers for
angle of attack and center of gravity envelope expansion were optimized for aerothermodynamics, and integrated
with requirements or concerns of other disciplines.




A transient maneuver in angle of attack (POPU) is normally performed to obtain lift, drag, and

vehicle trim as a function of angle of attack. The maneuver consists of manually pitching the Orbiter down
at a prescribed pitch rate to a selected minimum angle of attack, pitching up to a selected maximum angle of
attack, and then pitching down to the original or commanded angle of attack. The original trajectory is es-
sentially uncharged if the time duration is short enough or the drag error is small due to the balanced man-
euver. Predicted trends and variations in heat race are verified by flight test data, or updated before com-
mitting to lower or higher angles of attack for long duration during future operational missions, especially
from the Western Test Range.

Simulator studies of the maneuvers confirmed that most surface thermocouples in high-temperature and low-
temperature RSI (HRSI and LRSI respectively) would respond during maneuvers., The response for a surface ther-
mocouple in the nomex felt flexible RSI (FRSI) on the upper surface needed a longer duration maneuver because
of a difference in coating properties. Five second duration holds at the selected minimum and maximum angles
of attack were proposed to improve FRSI thermocouple response. Variations in heat rate with angle of attack
theating derivative, G,) can be estimated from thermocouple measurements while other variables are nearly con-
stant. Rapid and safe envelope expansion is accomplished over several flights by gradually decreasing and in-
creasing the selected angles of attack.

A flap maneuver is similar except the flap and elevon deflection angles are varied instead of angle of
attack. Variations of heat rate with flap and elevon deflection angles (q, ) can be identified from the
thermocouple measurements while other variables are nearly constant. The nglqu? attack does vary some dur-
ing the flap maneuver, and it may be possible to identify g, simultaneously. Although the derivative (g,) can
be identified, envelope expansion to lower or higher angles is not accomplished. A roll doublet can also be
performed while the flap is down and elevon is up to estimate aileron control derivatives. Since flap and el-
evon deflections depend on the center of gravity, envelope expansion to forward and aft center of gravity

limits can possibly be verified without chaneine the center of cravity.

A flap maneuver, roll doublet, pitch doublet, and POPU were integrated into one sequence. This integrat-
ed maneuver is advantageous since most heating, stability, and control derivatives can be estimated at a
fairly constant Mach number or Reynolds number. Several integrated maneuvers would ideally be performed at
approximately Mach 21, 18, 14, and 8. Each Mach number corresponds to a Reynolds number on a piven flight.
Therefore variations in the derivatives with Reynolds number, not the derivative ﬁlog(RP)’ are obtained from
a set of maneuvers.

The derivative alog(RE) can be estimated between maneuvers or during maneuvers, but normally requires a
long time duration because of the small change in Reynolds number during a maneuver. Flow transition causes a
dramatic increase in this derivative, and then a dramatic decrease when fully turbulent. This transient
phenomenon should not be misinterpreted. If transition occurs during a maneuver, it causes problems in inter-
preting results. 1If interpreted correctly, it indicates sensitivity to transition in one of the variables,
especially if the flow returns to a laminar state. For envelope expansion, the understanding of transition
onset is improved however.

Estimation of thermal parameters also becomes possible during a transient maneuver. Although numerous
parameters could be selected, only parameters which affect the heating derivatives were selected. These ther-
mal parameters currently include an effective thermocouple depth or coating thickness (Ax,), the surface emis-
sxvxty (¢), and a conducrivity factor (®B) for the RSI conductivity in block B. A vector of all parameters

1) is chosen to be 0 = [, G, p T10g(RE) Age Agbf My, DXy € g] (5)

The vector in general is of length K. In subscript form, each parameter is referred to as 0, where k=1,2,...,
K. The primary purpose of the data reduction program is to obtain best estimates of these simulator parameters
during transient flight test maneuvers.

FLIGHT TEST DATA REDUCTION

The next requirement of the systematic approach is to estimate from flight data the same parameters which
are inherent in the simulator equations. Systems identification theory was used. Since all states (temper-
atures at nodes) are not measured, best estimates of the temperature at each node are obtained by an extended
Kalman filter or estimator. Best estimates of parameters are then obtained by maximizing a maximum likelihood
function. The solution algorithm and program, which was originally developed by the authors at the AFFTIC, is
referred to as HEATEST. A simplified flow diagram for HEATEST is shown in Fig. 2. Each of the blocks will be
summarized.

Initial conditions (IC) for HEATEST are required for the solution of Eq. (3) in the MODELS block. In ai-
dition, initial conditions for the sensitivity and covariance of the temperatures are required. These may be
specified in several ways.

An initial condition for the temperature vector (U) at a maneuver start time t, (or time segment start
time) is given by

U(to) = UI + TI(x) (6)

where U, is the initial tempetature vector and the initial error (rI) was assumed to be a zero mean Gaussian
process with an initial covariance matrix P with components

2 ~

Pij - ¢ic Ui(to) Uj(to) Rij (7
The error model for the stochastic process (1) was assumed to be stationary and spatially distributed with
zero mean and covariance and given by




I 3A-S

- ]
Rjj = exp(- Y RCQ/G.) (8a)
g=i
RC, = p. C, Ax.2/K (8b)
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where RC is a time constant analogous to circuit theory. The initial model error covariance matrix (Q), which
will be used later, uses the same spatial correlation and is given by

.2 2, = 2 .
Ome * Ppn Rij UEQ i=j=1
———2- 2 .
Qij *{®me e *®bn Rl EQ =l j#i
2 = 2 <y
Qme Rij UEQ i#j#l 9)

where Ugg is an equilibrium temperature calculated from g assuming no conduction. The constants ¢;p, Tic» ‘b
and ¢pe are related respectxvely to the spatial correlation between nodes, to deviation in initial tempera-
tures, to deviation in heating rate at the boundary, and to deviation in heat flux in the TPS due to model
error. If conduction dominates at the surface instead of radiation, perhaps q should replace Ugq.

The initial temperature vector U; is specified by one of three ways. The temperature distribution is
Speclfled by some profile such as a constant based on on-orbit conditions. Initial conditions at the begin-
ning of a time segment may be specified from the output of a previous sequential time segment. The third way,
which is more efficient, is based on the radiation equilibrium assumption and an empirically determined RC
time constant. The circuit analogy is used to calculate an equilibrium temperature

(e) =8 Yy = (g-1) U e 1) (10a)

Yeq Q

g = 1/ [ 1-exp(-at/rc;] (10b)

where Y] is the surface thermocouple measurement. The heat rate is calculated from I'g EQ assuming radiation

equilibrium and input to the sawe algorithm used to propagate temperatures on the simulator (Eq. 3). This pro-
cedure works well for the TPS for the purpose of generating an approximate initial condition for temperature.

The initial condition for the semsitivity (U,) of the temperature to each parameter (8y) is assumed to be
zero. The subscript denotes partial differentiation, For sequential time segments the sensitivities at the
end of the previous segment are used.

The temperature, covariance, and sensitivities are propagated to the next time step using differential
equations for the TPS in the MODELS block, The temperature is propagated by Eq. (3) using the same numerical
solution technique as the simulator to obtain an apriori expectation, U(t,~). The minus denotes the expected
temperature prior to availability of a measurement, whereas a plus denotes an updated temperature after com-
parison with a measurement. Differential equations for the sensitivities were derived by taking partial de-
rivatives of Eq. (3) with respect to each parameter (8x), and quasilinearizing nonlinear terms. The resulting
equations are of the form

U =C Uek + Dk

(11)
where Cp is a coefficient matrix (LxL) and Dk a vector.

Eq. (11) is solved readily for each parameter since Ck is a tridiagonal matrix. For the covariance, Eq.
(3) was first quasilinearized to the form

0=AU®+B+ Wt (12)

where A is a coefficient matrix (LxL) and B a vector. The white stationary Gaussian process W(t) has zero
mean and a covariance matrix Q. The propagated or a priori covariance P(t,~) was approximated by the differ-

ence equation t
n
- + T i T
PCe,T) = oCae) p(e_ %) o' cae) +Af<b()\-tn_1)Q o' rme__ A (13a)
t
o(At) = exp (AAL) n-1 (13b)

The transition matrix ¢ and integral were calculated by Taylor series expansion and is perhaps the most inef-
ficient part of HEATEST which needs improvement,

The temperature, covariance, and sensitivities are propagated in the MODELS block until a thermocouple
measurement is available. The temperature, covariance, and sensitivities are then updated based on the
measurements by the Kalman filter in the KALMAN UPDATE block. The location of the total of M thermocouples is
identified by the measurement equation

Y(tn) = H U(tn) + ug (14)
where Y is the vector of ! measurements and H is an MxL matrix defined by

Hoy = 1 if v, corresponds to Ym and




H . =0 if U, does not correspond to Y .
mi i m

The error y, was assumed to be a white stationary process with zero mean and covariance
R =¢ Y (15)

for each measurement. The constant ®pg,s is related to the deviation in the thermocouple measurement. The up-
dated temperature or a posteriori expectation U(tp*) is calculated by

. -

U(tn ) = U(tn ) + G E(tn) (16a)
-y T - T -1

G =Pt )H [n P(c H o+ Rm] (l6b)

E = Y(tn) - H U(tn ) (lé6c)

where G is the Kalman gain and E the residual error. The updated covariance and sensitivities are calculated
by

p(e *) = [1-GH] P(c ") (1-cu)® + 6 R, ¢’ an

+ -
Uy (e ") = [1-6H]) v, (£ ) (18)
k k

In summary, the expected temperature, covariance, and sensitivities are propagated in the MODELS block
for each trajectory and thermocouple sample time as the TIME LOOP, Updates occur in the KALMAN UPDATE only

when a thermocouple measurement is available. This TIME LOOP is continued until the end of the maneuver or
time segment.

At the end of a time segment, the parameters (ek) are updated in the PARAMETER UPDATE block. A maximum
likelihood criteria was preferred because of experience in estimation of stability derivatives.® The likeli-
hood function (F) was specified to be the natural logarithm of the joint probability density function of the
temperature which is dependent on 0 and the measurements Y. The maximum of F was satisfied by equating the
gradients to zero. The maximum with respect to U is satisfied by the best estimated temperature

Uk = U(cn*) (19)

if U(tn*) is the temperature generated with best estimates of the parameters (6*). 6* is obtained by the grad-
ient algorithm

i (20)

2, 277t ~
px = 0-(3°F/a8°] 9F/06 = B+J
where J is an approximation for the Jacobian (azFlaaz) which is referred to as the (KxK) conditional informa-
tion matrix and is given in component form by

N
- T ~yuT -
I - nfl Ugj(tq ) H[H P IR« R JH Uek(tn ) 1)

which corresponds to an ensemble average over the time interval of the maneuver. The gradient of F is approx-
imated by

N
-y T - T -1 . -
S, = nEluek(tn ) H[H P DH + R O] [¥(t )-H U D)) (22)

where S is referred to as the "score".

After selected parameters are updated, the ITERATION LOOP is continued for a fixed number of iterations
to obtain best estimates of the parameters. The Cramer-Rao bound is calculated from J * and provides a measure
of the uncertainty in the parameter estimate. After the last PARAMETER UPDATE, both the apriori temperatures
and the best estimated temperature are obtained by completing the TIME LOOP again., Deviation in the tempera-
ture is obtained from the covariance. The average residual error is also computed as an indicator of the
"match' with the thermocouple data.

RESULTS

Results with three data sources are presented. During initial development, thermocouple measurements dur-
ing transient maneuvers were simulated by the AFFTC and distorted with noise and known parameter variations to
demonstrate feasibility. Transient maneuvers were also performed in a Mach 14 wind tunnel test by Air Force
Wright Aeronautical Laboratories (AFWAL) in cooperation with AFFTC with TPS test articles and flight thermo-
couples. Limited telemetry datawere available from the first Space Shuttle test flight (STS-1), and no mancu-
vers were performed, One integrated maneuver and two flap maneuvers were performed on the second flight (STS-
2). Mo maneuvers of interest to aerothermodynamics were performed on the third flight (STS-3). One case frow
the simulated data and one from the wind tunnel data are presented. Results from the first integratea flignt
test maneuver at Mach 21 durine STS=2 are presented from three locations on the Orbiter. These lccations ia-
cluded lower centerline, lower outboard elevon, and Orbital-Maneuvering=System (O0MS) pod on the upper surface
and include flight surface thermocouples only.

Simulated Thermocouple Data

Thermocouple data were first simulated on the AFFTC simulator. A location on the lower surface centerline
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at seventy-five percent characteristic length (X/L = .75) was chosen. A POPU at Mach 18 and Reynolds number
(RE) of two million was simulated. The flow was predicted to be laminar and the heat rate only a fuaction of
. Data were distorted with eight bit word resolution and sampled once per second corresponding to the flight
recorder.

The simulated thermocouple samples along with the best estimated temperature from HEATEST at that node
are shown in Fig. 3 corresponding to case 1. The estimated heating ratio, as computed from parameter esti-
mates, is compared to the actual simulator model in Fig. 4. The derivative with respect to the angle of at-
tack (§_) is changed in the simulator model in case 2, and the heating ratio successfully estimated as shown.
A bias 1n the magnitude (§,) in case 3 was correctly estimated. Another POPU, to a lower angle of attack in
case 8 was also estimated correctly.

4

Other cases were also simulated.” Thermocouple depth was estimated correctly with very little error.
Emissivity was estimated correctly only if two thermocouples were near the surface. Random noise with large
deviation caused little difficulty. A thermal conductivity factor was also estimated in one case.

Four cases with initial condition error, heating model nonlinearity, atmospheric density error, and time
skew between angle of attack and thermocouple samples were of concern.” A new method for an approximate IC
is used now. DModel error was investigatel} with a simulated POPU at Mach 8. The heating model assumed tur-

bulent flow and the simulatea ueatin, varies with Reynolds number., The estimated derivative ia a~gle of
attack was correct as shown in Fie, 5 although a "model error" due to Reynolds number change is present. A
werivative for Reynolds number is now available and can also be estimated, Heating model nonlinearity must

be handled, however, on a case by case basis by time segpmentation which has been added to HEATEST, or by
model changes. In systems identification, "model error” is a major concern and problem. Atmospheric
density error causes a bias in the heatiane ratio as in other techniques, and can not be identified by
HEATEST. Therefore, a Best-Estimated-Trajectory (BET) and atmosphere from NASA Langley Research Center was
used when available and for results presented in this paper. The time skew concern has not been resolved
and causes wajor difficulty in estimation of thermal parameters. For a thermocouple sample leading by onc
second, estimates for cffective thermocouple depth are negative, physically unrealistic, and the numerical
solution of Eq. (3) divergent. A lag of one sccond results in a large estimate for the depth and larger
heating derivatives, but fortunately, deviations, bounds, and residual error are larger than in other cases.
A time skew of less than a quarter second caused no difficulty and is probably related to the time constant
or the coatiang depth.

Wind Tunnel Data

Thermocouple data was also obtained during a wind tunnel test conducted by AFWAL just prior to STS-1.
Three test articles consisted of a thin skin stainless steel plate, a HRSI tile, and FRSI material. The de-
flection angle of a flat plate with these articles was varied to simulate flight test maneuvers. A shock gen-
erator was also used to simulate flow attachment or shock interaction for a short time duration. A water
cooled plate in the top of the test section maintained at least a partially known radiation sink temperature.
Data from numerous steady state and transient runs were obtained. Unfortunately, because of the availability
of flight data, only one case has been analyzed presently.

Wind tunnel data for one long transient manecuver with the HRSI tile were input to HEATEST. Time histor-
ies of the deflection angle, thermocouple samples, and best estimated temperature are shown in Fig. 6. Due to
tunnel start and limited run time, achieving equilibrium similar to flight conditions was difficult and con-
duction effects are large, An initial condition error at the beginning of the time history resulted since
the initial condition generation and sequential time segment options in HEATEST were not available then.
Therefore, only one time segment could be analyzed. The film transfer coefficient ratio from parameter esti-
mates is compared with theory and thin skin results f-om three steady state runs in Fig. 7. The reference
coefficient is based on Eckert flat plate theory at zero deflection. The HEATEST results for HRSI from a
transient maneuver has the same slope or derivative, but is lower in magnitude. Since equilibrium was appar-
ently reached at four degrees deflection, the heating magnitude was verified to be correct. Two equililiium
calculations using first the temperature of the water cooled plate and then absolute zero for tr. radiation
sink temperature agree with HEATEST results. The equilibrium calculations should be slightly lowsar due to
conduction. A nonisothermal wall could be the cause of the lower magnitude, similar to <rror in calorimeters.
The steel plate leading edge has a cold wall and the HRSI has a discontinuous increase in wall temperature.
Eckert 13 reported that such a discontinuity could cause as much as a forty percent decrease. Further inves-
tigation of the wind tunnel data and the nonisothermal wall effect is required.

Lower Centerline Flight Thermocouple Data

STS-2 flight thermocouple data at numerous locations on the lower surface were input to HEATEST. A
centerline location at X/L=.7 was typical of lower surface locations. A time history of the angle of attack,
thermocouple measurements, and apriori temperature during the POPU at Mach 20 and flight Reynolds number of
approximately 1.5 million is shown in Fig. 8. The thermocouple response was similar to the response in Fig.
3. Only variations in the temperature and heat rate due to the maneuver are presented. For purposes of en-
velope expansion, the variations are more important. Any discrepancy in magnitude between flight and ground
data is outside the scope of this paper.

Experience has shown that a comparison with the apriori temperature instead of the best estimated temper-
ature demonstrates more sensitivity or error to incorrect parameter estimates, and is therefore used in com-
parisons. As seen in Fig. 8, a good "match " was obtained. The variation in the heating rate (Aq) from the
reference angle of attack (ao=40 degrees) with the best estimated parameters is compared 'n Fig. 9 with simu-
lator model variations which were based on wind tunnel data . Estimated parameters and uncertainty bounds
are given in Table 1. The best estimated derivative or slope is slightly higher between 40 and 45 degrees
angle of attack, but lower between 35 and 40 due to a small nonlinearity. When the uncertainty bound in the
derivative is shown, there is good agreement.

The thermal parameter estimate for effective thermocouple depth (Ax,=.00167 ft. or .05 cm) is higher than
the simulator and data book value (.00l ft or .03 cm)., The conductivity factor ($p=.904) is lower than the




3A-8

simu{ato: value (1). The estimate for $p was sensitive to the spatial correlation constant (4tr) and should
be disregarded. Due to the five second duration holds, ¢ ; does not siznificartly affect results. This tus
coniiried by a parametric study.

Control Surface Flight Thermocouple Data

Analysis of locations on the control surfaces presents a difficult problem due to numerous variables,
trading between derivatives, and nonlinearity. All parameters could not be estimated simultaneously as
hoped for. Time segments had to be chosen appropriately to limit the range of a variable. 1In some :ases, a
variable changes rapidly and nonlinearity can not be avoided. The elevon falls in this category. The change
in heat rate for negative deflection angles is smaller than for large positive deflection angles for example.

The lower outboard elevon near the edge is one of the more critical heating locations on.the elevon.
STS-2 flight thermocouple measurements on the elevon during the POPU and flap maneuvers were input to HEATEST.
Time histories of the flap deflection, elevon deflection, angle of attack, thermocouple measurements, and a-
priori temperature are shown in Fig. 10. The derivative, a*e’ was fixed at .0045 during the POPU because of
trading with § . Parameter estimates and uncertainty bounds are given in Table 1, 1The variation in heatine
ratio (A3) with angle of attack and elevon deflection at the reference conditions (= =40, £,,=0) is shown in
Fig. 11. The change with elevon deflection is apparently nonlinear around five degrees and zero fleyrees, Time
segment 1 between approximately three to seven degrees deflection has a large uncertainty. Another time seg-
ment avoids most of the nonlinearity and has a lower uncertainty. The agreement with the simplified wodel is
good up to five degrees deflection. One data point for the heat rate variation between STS-3 aid 5TS5-Z te.ds
to confirm the results also.

STS~2 flight thermocouple measurements on the flap during the POPU and flap maneuver were input to HEAT-
EST also. Parameters which have been estimated include Axa, G« Qiog(RE)» 48e» and dgpg. The heating varies
with angle of attack, Reynolds number, elevon deflection, and flap déflection. The parameters could not be
identified simultaneously apparently because of nonlinearity in angle of attack, flap deflection, and even
elevon deflection., The Reynolds number derivative must be estimated over a large time segment in which the
Reynolds number changes significantly. The derivatives i, angle of attack and flap deflection were consider-
ably higher than the simplified model. Further analysis is required for the flap.

Upper Surface Flight Thermocouple Data

The most significant result of the POPU was on the side of the OMS pod which is on the upper surface. A
time history of a thermocouple mounted in FRSI on the OMS pod is shown in Fig. 12. The large and unexpected
increase in temperature above the design temperature limit was not predicted by the simulator models at this
Reynolds number. Flow impingement on the OMS pod was expected around thirty degrees instead of thirty-seven
degrees as shown by the large negative slope in Fig. 13. Because of nonlinearity, the POPU maneuver and a
bank reversal following the POPU were divided into four time segments as shown in Fig. 12. A three second
lag in the thermocouple samples was assumed since no data correlation could be obtained otherwise and was not
consistent with other OMS pod thermocouples. This was also the only way to eliminate hysteresis even when
the effective thermocouple depth (Ax,) was estimated. The depth was estimated in both time segments 2 and 3
to be approximately .00167 ft (.05 cm). A thick coating was anticipated because of repairs in this area. The
sideslip derivative was estimated in time segments 3 and 4. These parameter estimates were then used in time
segments 1 and 2 to refine angle of attack derivatives for example. Uncertainty bounds are fairly large be-
cause of nonlinearity, The uncertainty in the angle of attack derivative in time segment 4 is smaller because
of the smaller change in angle of attack. Confidence in these estimates would be very high if there were no
time skew.

Although there was concern for the OMS pod before the maneuver, results from the POPU confirm it. The
value of the transient maneuvers for envelope expansion is demonstrated even without data reduction by exam-
ining Fig. 12. With data reduction, a basis for either a placard or redesign of this small area is estab-
lished. More maneuvers are needed to estimate the variations at lower angles of attack and at other Reynolds
numbers.
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Table 1. Heating and Thermal Parameters Best Estimates and Bounds for STS-2 Flight Test Maneuvers

REL6 iid Eiﬁ; EiSe LSXA‘ &
Location | Mach | x 10 Maneuver per deg | per deg | per deg ft B
XL=7 205 | L5 POPU . 0023 0 0 . 0016 .90
* 0004 £.0004 [ .03
2.5 | 1.3 FLAP . 0078 0 . 0116 003 | L
MANEUVER *.0012
(Segment 1)
E)LIJELB()(')\'ARD 2.0 | 1.4 FLAP . 0078 0 . 0050 . 002 L
MANEUVER . 0006
(Segment 2)
20.5 | L5 POPU . 0078 0 . 0045 .003 | L
£, 0015 . 0006
20.5 | L5 POPU -.00494 |- 0053 0 .00167( 1.
(Segment 1)  |¥.0013
20,0 | L6 POPU -=.0004 |- 0063 0 .00167| 1.
OMS {Segment 2) , 0007
POD 200 | L6 AFTER POPU  |—. 00035 (-. 0128 0 .00167( 1.
(Segment 3) , 058 t 00087
19.5 | 1.65 | BANK REVERSAL (-, 0034 |- 0 .00167| 1.
(Segment 4) [+ 0015 |*.0015
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SUMMARY

This paper presents aerodynamic performance and stability data obtained from the first three reentries
of the Space Shuttle Orbiter. Flight results are compared to predicted data from Mach 25 to Mach 0.4.
Differences between flight and predicted data as well as probable causes for the discrepancies are given.
Comparisons between simulator and flight results are also presented.

LIST OF ABBREVIATIONS AND SYMBOLS

AFFTC Air Force Flight Test Center psf pounds per square foot
Ca axial force coefficient q pitch rate, deg/sec
CD drag force coefficient q, Ew dynamic pressure, lbs/f:2
RJI roll jet interaction effects
C life force coefficient STS-1,2,3 Shuttle flights 1, 2, and 3
¢ rolling moment coefficient V; viscous interaction parameter
Cm pitching moment coefficient YJI yaw jet interaction effects
Cm basic pitching moment coefficient a angle of attack, degrees
o B sideslip angle, degrees
CN normal force coefficient Sa aileron deflection, degrees
SBF bodyflap deflection, degrees
cn yawing moment coefficient Se elevator deflection, degrees
fps feet per second Sr rudder deflection, degrees _
MU Inertial Measurement Unit Qj/¢)eo roll jet mass flow ratio (.1543/q)
L/D Lift-to-drag ratio A efix ing increment
MMLE modified maximum likelihood estimator pr meaning
m,/m yaw jet mass flow ratfo .
3/ e (8.296 x 10 Vm/E;) Subscripts:
NASA National Aeronautics and Space q, RJI, YJI, o, B, partial derivatives with
Administration 8a, &BF, Se, Or respect to the subscripted
PJI pitch jet interaction effects variables
INTRODUCTION

The United States Space Shuttle Orbiter offers a unique opportunity to correlate ground and flight
test data for a manned maneuvering aerodynamic vehicle over a wide range of hypersonic velocities. Thus
for the first time ground aerodynamic prediction techniques can be evaluated for extremely high velocities.
In addition, the evaluation can be conducted using state-of-the-art ground and flight techniques. The
Shuttle wind tunnel test program was one of the largest ever conducted, incorporating high-fidelity test
facilities and wind tunnel models. Instrumentation sensors and reentry flight test maneuvers were specif-
ically designed for the Orbiter to obtain high quality flight results. Analytical computer programs which
have been proven reliable on numerous flight test programs in the past were used to extract the flight
data. It is therefore felt that a meaningful comparison of predicted and flight aerodynamic data can be
made throughout the Orbiter's reentry envelope.

In addition to verifying ground test facilities and analytical prediction techniques, flight-derived
aerodynamic data can be used to update the predicted data base, expand the flight envelope, update crew
training and engineering simulators, and improve the flight control system design. The flight data can
also be used to verify aerodynamic and center of gravity placards, which, for the Orbiter, have been based
on predicted data using rather large uncertainties. Hopefully, some of these placards can be removed or
made less restrictive.

This paper compares flight-determined lift, drag, and stability and control derivatives to preflight
predicted data for the initial three reentries of the Space Shuttle Orbiter. Data from Mach 24.6 (328,000
feet altitude) to Mach 0.4 (3,000 feet altitude) are presented. Estimated uncertainties will be given for
both predicted and flight data. Differences between predicted and flight data, and the resulting effect
upon the Orbiter's performance and stability, will be described. Comparisons between ground based simula-
tor and flight data will also be given.

SYSTEM DEFINITION

The Space Shuttle Orbiter is a highly maneuverable vehicle with a double delta planform which performs
a gliding reentry from orbital velocities to a horizontal landing on conventional runways. The dimensions
of the Orbiter are given in Figure 1. A blend of reaction control jets and aerodynamic control surfaces
are used during reentry to maintain stability and control. Above an altitude of 400,000 feet (defined as
entry interface), stability and control in the pitch, roll, and yaw axes i{s provided by forward reaction
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control jets located in the nose of the vehicle and aft jets located in the orbital maneuvering system
pods at the base of the vertical tail and above the wing. The forward jets are deactivated shortly before
400,000 feet, while the aft jets remain active. The aft roll axis jets are deactivated early in the
reentry as the dynamic pressure increases through 10 psf (Mach = 24.5, Altitude = 260,000 feet). The aft
pitch axis jets are deactivated at 20 psf. The aft yaw axis jets remain active throughout the reentrv
until Mach 1 to provide additional lateral-directional stability and control. Aerodynamic control surfaces
consist of full span elevons at the trailing edge of the wing which move symmetrically for pitch control
and differentially for roll control, a bodyflap at the aft centerline of the lower surface which is used
for longitudinal trim, and a split rudder on the vertical tail which moves symmetrically for yaw control
and differentially as a speedbrake for energy modulation. The elevons are activated at a dynamic pressure
of 2 psf (290,000 feet) for pitch and roll control. The rudder is not activated until Mach 3.5 for tran-
sonic yaw control.

The Orbiter's aluminum substructure is covered with a reusable, lightweight insulating material to
protect it from the high aerodynamic heating experienced during reentry.

REENTRY PROFILE

Figure 2 shows time histories of various parameters for the reentry of the second Orbiter flight
(STS-2). The reentry profile was similar for the first and third flights. The most notable exception was
the elevator bias which was deflected more downward on STS-3 to obtain elevator and aileron effectiveness
as a function of bias position.

The high Mach number portion of the reentry is flown at a constant 40 degrees angle of attack to min~
imize upper surface aerodynamic heating. Energy modulation is performed by changing bank angle rather
than angle of attack. The bank angle is reversed periodically to minimize crossrange error.

WIND TUNNEL PROGRAM

The uniqueness of the Shuttle's first flight was that it encompassed the entire Mach and altitude
envelope without the benefit of a flight test buildup program. It was therefore mandatory that the best
possible aerodynamic predictions be obtained prior to the first flight so that the uncertainty in the
aerodynamics, and associated effects upon flight safety, be minimized.

One of the largest wind tunnel programs in history was conducted for the Space Shuttle (Reference 1).
Over 27,000 occupancy hours were spent obtaining performance and stability and control characteristics for
the Orbiter from virtually every major wind tunnel facility in the United States (Figure 3). A signifi-
cant amount of this time was spent testing the final flight configuration. Two high fidelity wind tunnel
models were constructed and tested to permit accurate modeling of all aerodynamic surfaces and simulation
of all aerodynamically relevant cavities, gaps, and protuberances.

Figure 4 depicts the range of Mach and Reynolds numbers tested in the various facilities. Most
testing was performed at Mach 8 and below. There were a few tests conducted above Mach 8 from which viscous
interaction effects were obtained. Theoretical estimates at high altitudes (above 300,000 feet) were added
to the basic wind tunnel data base to account for low density effects. Also, theoretical estimates of
aeroelastic effects were incorporated at higher dynamic pressures, primarily in the transonic and subsonic
regions. Real gas effects, which would primarily occur in the 150,000 to 270,000 feet altitude range, were
not accounted for in the predicted data. Thus, the data referred to as "predicted" data in this report
consists primarily of an extensive wind tunnel data base up to Mach 8, a limited number of wind tunnel
tests above Mach 8 to obtain viscous interaction effects and high Mach effects, and theoretical estimates
of low density and aeroelastic effects (Reference 2). None of the flight data contalned in this report
were obtained above 300,000 feet, therefore, low density effects were not applicable, Also, aeroelastic
effects for most of the data presented were small in relation to the rigid wind tunnel data. Nevertheless
the data must be referred to as "predicted" rather than wind tunnel data due to the extensive engineering
interpretation that was applied to the basic wind tunnel data to account for such things as extrapolation
of Reynolds number effects, differences between tunnels and models, inaccuracies in models, and linear
interpolation between test conditioumns.

SIMULATOR MECHANIZATION

The U.S. Air Force at the Air Force Flight Test Center (AFFIC) developed an Orbiter simulation to aid
in its flight test evaluation. The simulator consists of a six~degree~of-freedom, fixed-base, man-in~the-
loop system designed to perform engineering analyses of the Orbiter’s reentry and landing flight phase.
The simulation was designed to be as simple and flexible as possible without incurring loss of accuracy.
It was structured to allow rapid updates so that system changes, aerodynamic updates, and flight-derived
data could be implemented and evaluated in a short time period. The enormous aerodynamic data base of the
Orbiter was reduced as much as possible without losing accuracy at trim flight conditions. In fact, care
was taken to include nonlinear effects representing small displacements about trim. Orbiter systems were
also simulated in the most simplified and flexible manner possible without loss of accuracy. Siwplifica-
tion was acceptable for the AFFTC simulation since it was used to perform an independent Air Force analysis
and was not part of the official Shuttle verification or training process.

The AFFTC simulator was used to perform numerous preflight and postflight aerodynamic performance,
handling qualities, aerothermodynamics, and systems analyses, Results of these studies were made available
to NASA Shuttle project personnel as "off-line” simulator analyses. It was also used to develop and design
the flight test maneuvers performed during reentry to obtain aerodynamic performance, stability and control,
and heating data from flight. The results obtained from these maneuvers will be the main topic of this
report.

The unfque nature of the Shuttle mission required that the first flight be performed without the
benefit of a flight test buildup program. For this reason, preflight simulator studies conducted by the
National Aeronautics and Space Administration (NASA) and the vehicle contractor were performed using rather




L
3B3

severe uncertainties in the predicted aerodynamics to establish flight "placards” for the Orbiter. These
uncertainties were referred to as "variations" in the Shuttle program, and were obtained by comparing the
differences between flight and predicted data on previous aircraft and 1lifting body flight test programs.
They are referred to as "predicted data uncertainties"” in this report. One of the main objectives for
obtaining accurate aerodynamic data from flight is to verify, and hopefully reduce, the flight placards
based on "variations”.

In the official verification process of the Orbiter design, aerodynamic differences obtained between
the numerous wind tunnel tests which have been conducted were used to flight qualify the vehicle. These
differences were referred to as '"tolerances" in the Shuttle program. In some instances, the magnitude of
these tolerances approached the magnitude of the variat{ions. It is therefore hopeful that the acquisition
of accurate flight data could also reduce the tolerance values used in the official flight verification
of the Orbiter.

FLIGHT DATA SOURCES

The Orbiter flight data presented in this report were obtained from measurements made in the onboard
instrumentation system, This system contains high sample rate and high resolution linear accelerometers,
rate gyros, angular accelerometers, and rudder and elevon surface position indicators. The system also
computes the parameters required to define flight conditions and vehicle Euler angles.

There are presently no external sources on the Orbiter for measuring the standard air data parameters
at hypersonic speeds. At velocities greater than 2500 fps, velocity, angle of attack, and angle of side-
slip are computed from linear accelerations and angular displacements measured by an Tnertial Measurement
Unit (IMU). Mach number is computed as velocity divided by 100G, Dynamic pressure is computed using a
predicted estimate of drag coefficient and the measured value of drag acceleration from the IMU.

Below Mach 3.5, external side probes were deployed and measured the pressures required to compute
Mach number, dynamic pressure, angle of attack, and angle of sideslip.

Vehicle weights and longitudinal and lateral center of gravity values for STS-1 and STS-2 were based
on measurements obtained at the AFFTC Weight and Balance Facility shortly after landing. A post flight
welghing was not performed for STS-3. Moments of inertia and vertical center of gravity values were
obtained by analytical "bookkeeping" methods.

FLIGHT TEST MANEUVERS

Three types of test maneuvers specifically designed for obtaining aerodynamic data were performed
during Orbiter reentries: (1) pushover-pullup maneuvers to obtain longitudinal performance data as a
function of angle of attack, (2) bodyflap sweeps to obtain bodyflap effectiveness, and (3) longitudinal
and lateral-directional control pulses to obtain stability and control derivatives. All three maneuvers
were designed on ground based simulators and practiced extensively by the flight crews prior to flight.

In addition to providing longitudinal performance and surface effectiveness data, the pushover-pullup
maneuver and bodyflap sweeps provided aerodynamic heating data as a function of angle of attack and control
surface position. This data was analyzed through the use of a special program developed at the AFFTC and
is the subject of another report in this symposium.

The Orbiter 1lift, drag, and longitudinal trim data were obtained from both quasi-steady state and
dynamic flight test conditions. The quasi-steady state data were obtained for all flights at constant
Mach and angle of attack conditions throughout the reentry profile. The dynamic performance test maneuver
(pushover-pullup) had been used successfully on previous unpowered glide vehicle research programs and was
preferred over other maneuvers because it provided a significant amount of data in a relatively short time.
The maneuver allows longitudinal performance data to be obtained as a function of angle of attack under
transient conditions before committing to a steady state flight profile. This maneuver was performed
manually and consisted of a sweep in angle of attack of +5 to 10 degrees above and below the normal angle
of attack. The piloting task was to perform the maneuver slow enough to avoid large pitch accelerations
and consequently remain near trim, but fast enough to minimize the change in Mach number. Typically this
maneuver took approximately 30-40 seconds to complete and resulted in a minimal perturbation of the
reentry trajectory.

The most effective maneuver for obtaining accurate stability and control derivatives from flight data ‘
is a pulse doublet maneuver. In this maneuver, control inputs are executed at the highest rate possible ;
that provides sufficient vehicle motion. The control doublet is followed by a few seconds of "free" oscil- :
lation. The control derivatives are extracted primarily from the initial control input and the stability
derivatives are obtained during the "free" oscillation. The principle of the maneuver is to perform the
control inputs quickly so that the effects of the control derivatives and stability derivatives are
isolated. This provides unique information to the derivative extraction program and allows more accurate
estimations to be obtained.

FLIGHT DATA ANALYSIS METHODS

Lift, drag, and longitudinal trim data were computed from flight test through the use of a Flight Test
Performance Data Extraction program. This program required high resolution body axis accelerometers to
compute performance data., Since the Orbiter is a gliding vehicle, there were not any thrust terms that
had to be considered.

During a pushover-pullup maneuver, the pitch rate i{s sustained by an elevator deflection which also
contributes to 1ift and drag. Therefore, the flight-derived 1ift, drag, and elevator deflection were
corrected to zero pitch rate and pitch acceleration to obtain trimmed (equilibrium flight) data. These
data were also corrected to a standard center of gravity position for comparison with the predicted data.
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The performance data were corrected and standardized using predicted values for elevator effectiveness
(C , C , and C ) and predicted pitch damping coefficient data (C_ ).
m N A m
Se Se Se q

Stability and control derivatives were extracted from flight data through the use of a Modified Maxi-
mum Likelihood Estimator (MMLE) program (Reference 3). This program has been extensively used on numerous
aircraft and lifting body vehicles in the past, and has produced reliable and accurate results. The pro-
gram models a vehicle's characteristics through the use of an appropriate set of aerodynamic equations of
motion, containing unknown derivatives. The flight derivatives of the vehicle are obtained by varying the
unknown derivatives until the error between the analytical and flight response is minimized.

In addition to providing an estimate of the value of the derivatives, the program also computes an
estimation of the accuracy of each derivative. These accuracy estimations can be invaluable in assessing
the quality of the results. However, the final assessment of accuracy should be obtained from the
repeatability of the results as a function of a particular flight parameter such as Mach number or angle
of attack.

There was originally some concern as to whether the Orbiter's derivatives could be accurately
extracted from flight data due to the sluggish nature and slow response characteristics of the vehicle to
control stimuli. These concerns were dismissed during the Approach and Landing Test program which was
conducted from 1977 to 1978 with the Orbiter Vehicle. Figure 5 compares Orbiter flight data for two major
derivatives obtained during this program with wind tunnel data. The solid line shown in the Figure is an
average value of several wind tunnel tests conducted prior to the start of the program, and represents the
best estimate of each derivative at that time. The circles represent the results of the MMLE program.

The triangles represent wind tunnel results obtained after the program at the precise flight conditions
and vehicle configuration at which the MMLE results were obtained. As can be seen, the MMLE results agree
extremely well with these wind tunnel results (Reference 4).

COMPARISON OF FLIGHT AND PREDICTED DATA

Aerodynamic data obtained from flight are compared to "predicted" data in this section. Performance
and longitudinal trim data were obtained from pushover-pullup maneuvers, bodyflap sweeps and quasi-steady
state flight conditions over a Mach number range of 0.38 to 24.0. A pushover-pullup maneuver was performed
during the second Orbiter flight (STS-2) at an average Mach number of 20 and provided data encompassing an
angle of attack range of 34.8 to 45.7 degrees. Also, during this flight, a guidance-induced pitch maneuver
at 0.4 Mach number provided excellent subsonic data coveriuy an angle of attack range of 4.6 to 12.9
degrees, A speedbrake sweep at 0.5 Mach number provided surface effectiveness data.

The performance and longitudinal trim data are presented as a function of angle of attack at an aver-
age Mach number during the dynamic maneuver and/or average value of the viscous interaction term (V_) when

applicable. The speedbrake effectiveness data are plotted as a function of surface deflection. The data
from the bodyflap sweeps are presented as trim elevator deflection as a function of bodyflap position.
These data will show the combined effectiveness of these two pitch control surfaces. (A pitch pulse was
performed to isolate the elevator effectiveness.)

The predicted performance and longitudinal trim data are for a rigid Orbiter and are presented in the
Figures of this report as solid lines. Uncertainties in the predicted data are presented as dashed lines
above and below the predicted data.

Flight and predicted stability and control derivatives are presented primarily as a function of Mach
number., Some data are presented as a function of dynamic pressure or reaction control jet mass flow ratio
at high velocities where Mach number does not change rapidly. This form of presentation is for convenience
only and can be misleading in some instances when other variables such as angle of attack are also
changing. Since the Orbiter's reentry profile for the parameters which affect derivative results was very
similar for the first three flights, predicted data for STS-2 only will be presented in the Figures. Esti-
mations of uncertainties for the flight derivatives and predicted data are presented. Flight data uncer-
tainties are presented as vertical bars about the derivative value. Predicted data uncertainties are
presented as dashed lines about the solid line representing the predicted value.

Maneuvers have been performed and derivative results obtained down to approximately Mach 1 in the
program thus far. Subsonic maneuvers have not been performed because this data was obtained in the
Approach and Landing Test program conducted in 1977 with the Orbiter Vehicle launched from a 747 carrier
aircraft. Subsonic results obtained from this program are contalned in Reference 5.

Since the effects of rotary derivatives were small for the maneuvers presented in this report, their
values were held at predicted values in all analyses and are not presented. All stability derivative data
are presented at the flight center of gravity.

LONGITUDINAL PERFORMANCE

The supersonic and hypersonic lift-to-drag ratio (L/D) data obtained from the first two Orbiter
flights are compared with predictions in Figure 6. The data are presented as a function of Mach number
because the angle of attack at any particular Mach number during the reentry was constant (except for the
pushover-pullup at Mach 20). However, the increase in L/D between Mach 15 and 5 was due to the angle of
attack decrease from 40 degrees to 20 degrees rather than the Mach number change. (The predicted L/D
curve does not change as a function of Mach number in this Mach regime.) Note the close agreement between
flight and predicted L/D for Mach numbers greater than 1.0.

The L/D data extracted from the pushover-pullup at Mach number of 20 are shown in Figure 7. These
data also showed excellent agreement with predictions. The lift and drag coefficient data obtained from

this maneuver are presented in Figure 8., Both CL and CD are slightly less than predicted but within the
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uncertainty of the predicted data. The good correlation between flight and predicted Cp was not surpris-

ing because the onboard computation of dynamic pressure (H) used in the performance program contains an

estimation of the CD curve. The uncertainty in determining q will remain a problem until a hypersonic air

data system is installed in later versions of the Orbiter. The excellent correlation in L/D is not an
issue as far as @ is concerned since L/D is independent of q.

The subsonic L/D data computed from the guidance-induced pitch maneuver are presented in Figure 9.
The higher than predicted L/D out of ground effect is due primarily to the lower than predicted drag
coeffictent (Figure 10). The flight data values of CL in Figure 10 were very close to predictions. Pre-

liminary flight test data also indicated that the L/D in ground effect is also higher than predicted. The
higher subsonic performance required some refinements to the landing approach (revised glide slope aim
points) in order to touch down at the desired point on the runway.

The trimmed flight data from the speedbrake sweep at 0.5 Mach number were corrected to a common ele-
vator deflection (6 degrees) to obtain the normal and axial force coefficient (CN and CA) increments due

solely to the speedbrake. This correction accounted for the contribution of CN and CA due to elevator

which was deflected to counteract the longitudinal trim change from th~ speedbrake. These data were cor-
rected to a common angle of attack (6 degrees). The resultant corrected increments were plotted as a
function of speedbrake deflection in Figure 11. These data indicate that the speedbrake effectiveness was
slightly greater than predicted for deflections above 50 degrees. The normal force decrement due to
speedbrake was less than predicted. Note that both of these increments are dependent upon the values for
the longitudinal derivatives that were used to correct the flight data to the standard elevator and angle
of attack. Predicted values were used for these derivatives and will be updated whenever flight test data
become available.

The Orbiter flight control software logic contains a bodyflap-elevator interconnect designed to main-
tain the elevator on a predefined schedule as a function of Mach number by automatic trimming of the body-
flap. A significant error in longitudinal trim in the hypersonic Mach regime was apparent on all three
Orbiter reentries. For example, during STS-1 the trim bodyflap was 16 degrees rather than 7 degrees at
velocities greater than 17,000 fps (Figure 12). Analysis of the bodyflap sweeps and the pitch pulse
performed during the second Orbiter reentry established that the major contributor to the trim error was
an error in the basic pitching curve, Cm , rather than an error in elevator or bodyflap effectiveness.

<]
Figure 13 contains trim data obtained during the bodyflap sweep at a Mach number of 21, Note that the
slope of the flight test data is similar to, or slightly greater than predicted. Also, the data obtained
from the pitch pulse at Mach 20.6 indicated that the elevator effectiveness Cm , was close to predicted

Se

(refer to Longitudinal Derivatives section). The trim elevator data obtained from the pushover-pullup at
Mach 20 showed that the Orbiter was statically stable and the slope indicated that the combined elevator
effectiveness/pitch static stability was close to predictions (Figure 14). -Thus, the foregoing tends to
confirm that the mispredicted longitudinal trim at high Mach number is attributable to an error in basic
pitching moment.

The subsonic longitudinal trim data in Figure 15 extracted from the guidance-induced pitch maneuver
confirm the negative static margin that was predicted at Mach numbers less than 0.8 for a center of gravity
of 66.7 percent. These data also show more positive elevator deflections than predicted and the slope
appears to be slightly more negative. This could be due to a small error in the basic pitching moment,
the elevator effectiveness or the static stability predictions. Additional flight tests will be required
to identify the error source.

In summary, at the angles of attack tested so far in the Orbiter program, the supersonic/hypersonic
lift-to-drag ratio is the same as predicted. The subsonic L/D is greater than predicted due to a mispre-
diction in drag coefficient. The hypersonic longitudinal trim was significantly different from predictions
due to an error in the basic pitching moment curve. The static longitudinal stability was the same as
predicted at the hypersonic Mach numbers where test data were available. Based on the limited flight test
data, the static stability at subsonic Mach numbers may be slightly less than predicted.

LATERAL-DIRECTIONAL DERIVATIVES

Lateral-directional derivative results obtained from pulse doublet maneuvers during STS-2 and STS-3
are contained in Figures 16 through 21. Uncertainty estimates for the predicted and flight data are also
shown. The predicted data is represented by a solid line, while the short dashed line represents a fairing
of the flight data.

The dihedral effect (CQ ) is presented in Figure 16. The consistency of the flight results as a func-
B

tion of Mach number, and the flight uncertainty estimates, were considerably smaller than the uncertainty
of the predicted data for most maneuvers, indicating high confidence in the flight results. Flight data
showed a tendency to vary with Mach number above Mach 10, which was inconsistent with the predicted data.
The flight results were considerably lower than predicted at very high Mach numbers. Note that even
though the uncertainty estimates computed by the MMLE program were large for the first two maneuvers at
high Mach numbers, the derivative values were reasonable and consistent with other results. These maneuvers
were performed at very low dynamic pressures of 4 and 8 psf. Below Mach 3, flight results for CQ were

&
more negative than predicted. Although results were fairly consistent with Mach number, an important
criterion for assessing accuracy, the uncertainty estimates were quite large. Possible causes for these
large uncertainties are nonlinear effects with control surface deflection, rapidly changing Mach number/
derivative value in this flight regime, and wind shears which are not modeled in the MMLE program. The
Orbiter has exhibited a small amplitude lateral-directional oscillation in the transonic region on {ts
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first three flights, and it is felt that the higher than predictad dihedral effect is a contributor to
this oscillation. This oscillation will be discussed further through this report.

Flight results for the directional stability derivative (Cn ) were close to predicted throughout the Mach

5

range. Results obtained on flight 3 using high resolution instrumentation were extremely consistent with
Mach number and indicated a slightly more stable value above Mach 8. (High resolution instrumentation was
not avallable on STS-2 due to an onboard tape recorder failure.) The irregular shape in the predicted
data between Mach 8 and 3 represents results obtained from wind tunnel tests conducted at small amplitude
sideslip deflections. Flight results (also at small sideslip deflections) agree very well with these pre~
dictions.

Alleron derivatives are shown in Figures 17 and 18. Aileron derivatives are a strong function of
elevator bias position. The first three reentries were made with different elevator schedules at high
Mach numbers: approximately -1, 1, and 3 degrees for STS-1, STS-2, and STS-3 respectively., Therefore for
uniformity and ease of presentation, STS-3 derivative results shown in Figure 17 have been corrected ta
the STS-2 reentry elevator position using predicted values for these effects. In order that these effects
may be evaluated, aileron derivatives are presented as a function of elevator position in Figure 18,

Flight values for the aileron effectiveness derivative (CQ ) were slightly higher than predicted
Sa

versus elevator position also appears to be higher than
8a
predicted. The MMLE program could not extract aileron derivatives accurately for the maneuver performed
at the highest Mach number shown (dynamic pressure = 4 psf). Their values were therefore held constant
during the analysis of this maneuver. Flight values for Cl were generally lower than predicted between

Sa
Mach 3 and 1. Low aileron effectiveness is felt to be another cause of the small amplitude lateral-
directional oscillation which occurs in this flight regime. When this oscillation was analyzed with the
MMLE program, the C2 value obtained at Mach 1.6 was considerably lower than predicted (.00075 per degree)
Sa
atmospheric wind shears were not accounted for. Wind shears were then accounted for in the MMLE program
using the sideslip angle obtained from differential pressure measurements of the external side probes and
the inertially computed sideslip angle. The difference between these two measurements was differentiated
and programmed into the MMLE program as a forcing function in the rate of change of sideslip equation.
When wind effects were included, the resulting value of CQ increased and was much closer to predicted.
Sa

The results of this analysis should not be considered conclusive however. Accurate results are often
difficult to obtain for this type of maneuver. Values of other derivatives (especially CE ) obtained
Ar
from this analysis remain questionable. Pressure lags associated with the side probe system were not
accounted for and could have significant impact on the results. Nevertheless, the analysis does indicate
that wind shears need to be accounted for and could be a contributing factor to the low frequency oscilla-
tion observed in flight.

above Mach 12. In addition, the slope of CQ

Flight values of Cn agreed well with predictions for most STS-2 mancuvers. A few values below Mach
Sa
3 were more positive than predicted, but their uncertainty estimates were large. STS-3 values, obtained
for a more downward elevator deflection and using the higher resolution instrumentation, were more nega-
tive than predicted at high Mach numbers. Flight values of Cn are difficult to obtain accurately for
fa

most airplanes. The large uncertainty estimates shown indicate the potential inaccuracies in the values
of C for the Orbiter.

n

Sa

Rudder derivatives are shown in Figure 19, The rudder is only active from Mach 3.5 to landing.
Flight results agreed very well with predicted data for the pulse doublet maneuvers.

Since the aft reaction control jets are located above the wing at the base of the vertical tail of
the Orbiter, the plume produced when the jets are fired can interact with the flow tield over the vehicle
and alter the basic aerodynamic forces and moments. These effects are referred to as jet interaction
effects, and are presented in derivative form in this report. Jet interaction effects are presented as a
function of mass flow ratio, a parameter used to extrapolate Mach 10 wind tunnel data to higher Mach
numbers. (Jet interaction effects were not obtalned at Mach numbers greater than 10 in wind tunnel tests.)
The derivative values presented are a measure of the jet plume interaction with the aerodvnamic flow onlv,
and do not contain the basic thrust and moment components of the Jets.

Interaction effects for the yaw jets are presented as a function of Mach number below Mach 12 and as
a function of yaw jet mass flow ratio above Mach 12 {n Figure 20. Flight values of the roll due to vaw jct
interaction effect (Cjl ) were significantly less than predicted at high values of mass flow ratio. The
YI1
flight results are very consistent as a function of mass flow ratio, and the scatter in the data is much
amaller than the uncertainty levels of the predicted data. The uncertainty levels of the flight results

are also small. Thus a high degree of confidence is placed In the flight results. The error in the predicted

value of CQ was the major cause of a large amplitude, lightly damped lateral-directional oscillation

Y.I1

which occurred during the i{nftial bank maneuver performed on STS-1 at a mass flow ratio of .015 (dvnamic

pressure of 14 psf). This oscillation will be discussed further in the following soctions of this report.

Flight results obtained for the yaw due to vaw jet Interaction effect (C } were somewhat greater (more
rJ1

negative) than predicted. The difference is much smaller than what was obtafned for Ci however. STS-3

YI1

if
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results were more consistent as a function of mass flow ratio than STS-2 results. Therefore, more empha-
sis was placed on the STS-3 results when fairing the flight data.

Roll jet interaction derivatives are presented in Figure 21 as a function of roll jet mass flow ratio.
Results were obtained from two pulse maneuvers performed on STS-2 prior to deactivation of the roll jets at
a dynamic pressure of 10 psf. The MMLE program is modeled to obtain independent values for up and down
firing jet interaction effects. However, simultaneous firing of up and down jets to produce roll during
the flight maneuvers prevented the extraction of separate interaction effects. The results are therefore
presented as a total rolling and yawing moment coefficient produced by one up and one down firing jet.
Flight uncertainty estimates are not presented since they are not computed by the MMLE program for the
total interaction effect. Flight roll due to roll jet interaction effects (C2 )} were less than predicted,

RJI
while vaw due to roll jet interaction effects (Cn ) were about the same value as predicted.
RJI

LONGITUDINAL DERIVATIVES

Longitudinal pulse doublet maneuvers have been performed at high Mach numbers only in the program thus
far. Elevator and angle of attack derivatives, and pitch jet interaction effects were obtained from these
maneuvers. Bodyflap effectiveness data were obtained from bodyflap sweeps performed on STS-2 above Mach 10.

Elevator and angle of attack derivatives are shown in Figure 22. Elevator effectiveness is very non-
linear as a tunction of elevon deflection angle. The flight value of the derivative obtained is a linear
average for the deflection range traversed by the surface during the maneuver. The irregular shape of the r
predicted data reflects the nonlinearity of the derivative and the different surface deflection range
during each maneuver. Flight values of elevator effectiveness were close to predicted for all maneuvers
analyzed., Elevator effectiveness derivatives were obtained with some degree of certainty at a dynamic
pressure as low as 2 psf. Flight angle of attack derivatives were much more difficult to obtain at low
dynamic pressures due to the small and sluggish attitude response of the Orbiter to pulse stimuli at these
flight conditions. They were held at predicted values during the analvses of the three maneuvers at the
lowest dynamic pressures,

Pitch jet interaction derivatives are plotted in Figure 23 as a function of the pitch jet mass flow
ratio. The pitch jets are deactivated at dynamic pressures greater than 20 psf, and were therefore not
tired during the Mach 20.6 doublet on STS~2 and the Mach 21.5 doublet on STS-3. The derivative values
shown are a measure of the jet plume interaction with the aerodynamic flow only and do not contain the
basic thrust and moment component of the jets. For reasons similar to those presented in the roll jet
discussion, only the total interaction effect for up and down firing jets was obtained. Flight uncertainty
estimates are not presented since they are not computed by the MMLE program for the total interaction
effect. Pitch jet interaction effects were close to predicted values for the two maneuvers at the lowest
mass ratios (highest dynamic pressures), but were lower than predicted at the two highest mass flow ratio
maneuvers. Results obtained at the high mass flow ratios were felt to be degraded due to the loss of the
high resolution instrumentation on STS-2.

Bodyflap derivatives are presented in Figure 23. Bodyflap effectiveness was slightly greater than .
predicted over the hypersonic Mach range analyzed. Bodyflap derivatives were obtained from slow moving .
bodyflap sweeps. (The maximum rate at which the bodyflap can move is three degrees per second.) The slow
nature of the maneuver is not desirable for derivative extraction, and the accuracy of the bodyflap deriv-
atives is therefore somewhat uncertain. In order to improve the accuracy of the bodyflap results, elevator
derivatives were held fixed at values obtained from pulse maneuvers during the analysis of the bodvflap
sweeps.

FLIGHT AND PREDICTED DATA DIFFERENCES

This section summarizes the major differences found to date between the flight and predicted data base
of the Orbiter. Possible causes for the differences will be presented.

HYPERSONIC LONGITUDINAL TRIM

The flight longitudinal trim of the Orbiter was significantly different than predicted above

Mach 8. Flight values of elevator and bodyflap effectiveness (Cm and Cm ) obtained from pulse maneu-
89 (SBF

vers and bodyflap sweeps were close to predictions in this reglon. The reason for the trim discrepancy

i{s therefore an error in the preaicted value of the basic pitching moment (Cm ) of the vehicle rather than

o
an error In control surface effectiveness. A pitch up Cm increment of +.023 must be applied to the pre-
8]
dicted data to duplicate the flight longitudinal trim characteristics above Mach 18.

The primary cause of the error in the predicted hypersonic values of Cm is felt to be real gas
O

effects. Real gas effects are the aerodynamic effects resulting from deviations of real air thermodvnamic
properties from ideal gas with constant specific heat. These effects were not fully simulated in wind tun-
nel tests and were not accounted for in the predicted aerodynamic data base of th: Orbiter. Real gas
effects are most significant between 150,000 and 270,000 feet. Recent analytical studies (currently
unpublished) performed by the Arnold Engineering Development Center {Indicate real gas effects could pro-
duce a pitch up increment of .024 above Mach 18, which is very close to the difference between flight and
predicted results, Real gas effects would also produce less 1ift force, which {8 consistent with flight
results,
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The remalning small ditference between flight and predicted values of Cm could be caused by
o
viscous interaction and high Mach number effects., These effects are thought to be small in comparison to
real gas effects however, and tend to cancel each other,

The most signitficant effect of the error in the prediction of hypersonic trim will be increased
heating on the buodyflap and/or elevon due to the more downward deflection required. Additional downward
detlection, and increased heating, would be required for more aft longitudinal centers of gravity, How~
vver, it appears that heating margins are adequate to achieve the most aft center of gravity required in
the sShuttle program,

REACTION CONTROL JET INTERACTION EFFECTS

The larger than predicted lateral-dircectional oscillation during the first bank maneuver on STS-1
was the result of over predicting the rolling moment produced by the interaction of the exbaust plume of
the vaw reaction control jets with the aerodvnamic flow over the upper surface of the wing. Reaction con-
trol jet plume interaction effects were obtained from three wind tunnel tests (Reference 6). Yaw jet
interaction data were found to be primarily a function of the mass flow ratio of the jet plume to free-
stream air (mj/mw), and angle of artack. Mass flow ratio is a function of freestream velocity and dynamic

pressure. Flight angle of attack conditions were duplicated In the wind tunnel but mass flow ratins were
not. The lowest dynamic pressure possible during wind tunnel testing was 75 psf at Mach 10.3. The dynamic
pressutre during the first bank reversal was 14 psf at Mach 24.4. Therefore jet interaction effects as a
function of mass flow ratio measured in the tunnel were extrapolated to high Mach, low dynamic pressure
flight conditions. The extrapolation proved to be invalid due to differences between the wing wake
boundaries at the wind tunnel and flight test conditions. The wing wake boundary of the model was stronger
and more confining due to the high static pressure levels that must be maintained Iin the wind tunnel. The
stronger wake boundary was more resistant to jet gas diffusion, which tended to produce more of a rolling
moment interaction effect than what was experienced at high altitude, low dynamic pressure flight condi-
tions. Jet interaction effects obtained from flight were close to predicted values at Mach 20 (dynamic
pressure = 48 psf) and below.

The first bank maneuver on STS-1 was performed in the automatic flight control svstem mode. On
subsequent flights, the maneuver was performed manually by the commander at a slower roll rate to avoid
the large os~illation. A flight control system modification will be made on STS-~5 which should provide
adequate control in both the automatic and manual modes during the first bank maneuver.

SUBSONIC PERFORMANCE

The subsonic lift-to-drag ratio data obtained from flight test at subsonic Mach numbers was
greater than predicted. The major contributor to this increased L/D was a reduction in drag ccefficient.
The primary cause of this error in CD is thought to be an overprediction of the drag due to surface

irregularities in Thermal Protection System (TPS). The drag increment (.0038) to account for TPS gaps and
steps was based on theoretical calculations and was not verified with wind tunnel tests.

TRANSONIC STABILITY

The small amplitude lateral-directional oscillation which has occurred near Mach l.6 during the
first three reentries may be the result of decreased lateral-directional stability due to lower than pre-
dicted aileron effectiveness (Cg ), higher than predicted dihedral effect (CQ }, and more positive vaw

Sa i

due to ailercen (Un ). Atmospheric wind shears may also have been a contributing faccor to the oscillation,

Sa
The uncertainty of the flight derivatives obtained in this region thus far has been large. Recent post
flight wind tunnel tests have been conducted in which data for small sideslip angles and contrel surface
deflections have been obtained to check for nonlinear effects. The data obtained was linear, and the pre-
flight predictions were substantiated.

The bodyflap was deflected to its upper limit at Mach 1.6 during flight. Thus more forward
longitudinal center of gravity movement would require the elevator to be deflected further up to maintain
the desired trim angle of attack. An increased up elevator deflection would decrease C? somewhat, which

“Sa
could in turn degrade the lateral-directional stability. The transonic oscillation could therefore
restrict the forward center of gravity limit of the Orbiter until it is eliminated by a flight control
system modificatfon or other means,

HIGH MACH NUMBER DERIVATIVES

Two primary lateral-directional aerodynamic derivatives, C and CQ s have been inaccurately
R Sa
predicted above Mach 12. Predicted results estimated these derivatives to be cssentially invariant with
Mach number above Mach 12. Flight results for Cq decreased with increasing Mach number and were consid-

R
erably lower than predicted at Mach 24. Flight results for Cq were higher than predicted at high Mach
‘Sa
numbers. Thus {t appears that Mach number, viscous iInteraction, real gas, or low densityv effects have not
been properly accounted for in the prediction of these derivatives., The cause of the discrepancy is not
known at the time of this writing.

¢

The differences {n C and Cp at high Mach numbers have had little effect on the Orbiter's
Y da

stability thuas far. One reason for this 1s that the Orbiter's high gain, command augmentation flight

£




'magnitude of this shift was 0.023 for velocities greater than 18,000 fps. Figure 24 compares the trim
elevator and bodyflap deflections from the updated simulator with STS-3 flight data. The close agreement
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control system, which presently relies heavily on reaction control jets for stability, tends to mask most

variations which may occur in aerodynamic derivatives. If the flight control system (s redesigned in the

future to rely less on reaction control jets (to reduce fuel and weight requirements), these aerodynamic

differences will be more evident. If lower angle of attack reentries are performed in the future to

achieve higher l{ft-to-drag ratios, the reduced value of CE and corresponding decreased value of dynamic
B

directional stability, could be of concern.
SIMILATOR UPDATES AND ANALYSES

This section presents updates made to the AFFTC Orbiter simulation to incorporate the major differ-
ences found between flight and predicted aerodynamic data. As such, it contains a summary of the differ-
ences between flight and predicted data which have had the most significant effect upon the Orbiter's
aevodynamic performance and stability and control characteristics.

In the hypersonic Mach regime, a significant error in longitudinal trim was observed during each of
the Orbiter reentries. The major contributor to this error was a shift in the basic pitching moment
curve, The simulator at the AFFTC was updated with a Cm shift based on STS-1 and STS-2 flight data. The j

N !

between flight and simulator predicted data confirms the validity of the pitching moment correction.

The lightly damped lateral-directional oscillation during the first bank maneuver on STS-1 occurred
at a Mach number of 24.4, a dynamic pressure of 14 psf, and an angle of attack of 40 degrees. Figure 25
contains time histories of the preflight predicted response and the flight response for this maneuver.
Initially, the AFFTC simulator was used to determine the cause of the oscillation by manually varying the
significant stability and control derivatives until a reasonable representation of the flight test history
was obtained, Within hours after the flight data was received, results obtained from this manual matching
technique concluded that an error in the prediction of the roll due to yaw jet interaction effect was the
primary cause of the oscillation. These conclusions were later confirmed by results obtained from the
MMLE derivative matching program. A simulator time history of the first bank maneuver using flight results
obtained from the MMLE program is contained in Figure 25.

A control system modification which 1i- :orporates an inertially computed sideslip feedback will be made
on STS-5 to improve the Orbiter's lateral-directional characteristics during the first bank maneuver. A
simulator time history of this maneuver using the sideslip feedback modification and flight-derived stabil-
ity and control derivatives is contained in Figure 26.

Figure 27 compares a time history of flight data obtained during the second bank maneuver (first bank
reversal) with a simulator time history using predicted aerodynamic data. The maneuver was performed at a
Mach number of 18.3, dynamic pressure of 58, and an angle of attack of 40 degrees. The flight and simula-
tor results match well, indicating the predicted data adequately represented the flight data at these con-
ditions. Flight data extracted during this maneuver using the MMLE program indicated that the value of
the roll due to yaw jet interaction effect was indeed close to predictioms.

Stability derivatives extracted from flight in the reglon where the small lateral-directional oscilla-
tion has occurred (Mach 1.4 to 2.0) have contained a considerable amount of uncertainty. The exact cause
of the oscillation is therefore uncertain at this time. A study was conducted on the AFFTC simulator to
attempt to duplicate the transonic oscillation seen in flight. No tendency to oscillate was seen using
predicted derivatives, even when the simulator was pulsed (Figure 28). When the simulator was updated
using the flight fairings of Figures 16 and 17, a tendengy to oscillate at the same frequency which occurred
in flight was observed. However, the oscillation was not sustained. When Cl was reduced further to a
Sa
value of .00075 per degree (low confidence value obtained by analyzing the STS-1 oscillation without
including wind shears), the simulator oscillated at a frequency and amplitude which was similar to the
flight oscillation.

The oscillation appears to be caused by low lateral-directional stability. External disturbances such .
as wind shears are probably driving the oscillation. Primary cause of the oscillation is felt to be a low '
total roll axis gain (C2 plus roll axis flight control system gain). Some proof of this is provided by

Sa
the fact that the oscillation always damps out in flight at a Mach number of 1.4 where the value of C

lda

increases rapidly (Figure 17). Thus is appears that the oscillation may be damped by increasing the roll
axis gain of the flight control system.

The AFFTC simulator was used to evaluate the effects of a roll axis flight control system gain increase.
The simulator was altered using the flight fairings of Figures 16 and 17 for CQ and Cn , and a value
B da
.00075 per degree for cg to provide a steady oscillation. The simulator was operated in the five-degree-

Sa

of-freedom mode (velocity and altitude held constant). The yaw jets were deactivated in the simulator, and
a slightly divergent oscillation resulted (Figure 29). When the roll axis flight control system gain was
doubled, the oscillation damped. An increased roll axis flight control system gain is being strongly con-
sidered to improve the transonic flight characteristics of the Orbiter.

CONCLUDING REMARKS
Aerodynamic performance and stability data have been successfully obtained from the first three reen-

tries of the United States Space Shuttle Orbiter. Generally good correlation was achieved between flight
results and the Orbiter's predicted data base., Some differences did occur, primarily at high Mach numbers
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and altitudes. The basic longitudinal pitching moment of the Orbiter was significantly different than
predicted above Mach 8. The difference is thought to be caused by real gas effects at high altitudes.
The interaction of the yaw reaction control jets with the aerodynamic flow field was overpredicted at low
dynamic pressures, and caused a lightly damped oscillation during a bank maneuver performed early in the
reentry. The overprediction was due to incorrect extrapolation from wind tunnel test conditions to very
low dynamic pressure flight conditions.

It is hoped that this report has provided a meaningful comparison of flight and predicted aerodynamic
data over an extremely large flight envelope. The intent has not been to critique or criticize ground
test facilities, but rather to feed back information which might be useful in improviang the overall data
prediction and acquisition process.
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GROUND / FLIGHT CORRELATION ON THE ALPHA-JET
EXPERIMENTAL AIRCRAFT WITH A TRANSONIC WING

A Comparison between Wind Tunnel and Flight
Results for Aerodynamic Performance

by
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Postfach 1420
7990 Friedrichshafen

SUMMARY :

The paper compares wind tunnel and flight results obtained in an experimental program with a transonic
wing {TST) on an Alpha-Jet as test vehicle. The comparison is concentrated on 1ift, drag and buffet data.

In addition to the analysis of ground and flight data for the TST flight data for the transonic wing and
the standard wing are briefly compared.

1. INTRODUCTION

At Dornier an experimental flight test program is currently being completed, which consists of the design,
manufacturing and flight testing of a transonic wing with manoeuvre flaps on the Alpha-Jet as test
vehicle (Fig. 1). The purpose of this TST-program (Transsonischer Tragfliigel = Transonic Wing) is:

o0 to show the improvements in performance and manoeuvrability obtainable by a transonic wing on a
subsonic/transonic fighter aircraft,

o to develop and assess the theoretical and experimental methods required for the design of future
transonic aircraft.

As pointed out in previous publications (/1/, /2/) the following main points of interest had to be in-
vestigated:

- 3-D-effects on moderate aspect-ratio wings

- performance of a transonic wing in a broad CL-M-region
- effectiveness of manoeuvre flaps on a transonic wing

- the behaviour at and beyond the buffet boundary.

The program is sponsored by the German Ministry of Defense (BMVg). It started 1974 with a first contract
within the BMVg-KEL-program to Dornier as prime contractor and VFW-Fokker as subcontractor. In 1975 it
was joined by ONERA. The DFVLR supported the program by a series of wind tunnel tests. The agencies par-
ticipating in the program and their main contributions are shown in Fig. 2.

After the design and manufacturing of the wing and its installation in an Alpha-Jet were completed flight
testing began in December 1980 as a joint effort of Dornier and the German Flight Test Center (E-Stelle 61
and BWB AFB LG IV at Manching). Approximately 110 flights have been performed so far and the flight test
program is essentially finished.

Due to its character as an experimental program the TST-program allowed the generation of ground and
flight data, which are considerably more detailed than the data obtainable during standard project de-
velopments. Before a correlation of these data is discussed in the following chapters and in the next
paper /3/ a brief description of the TST design and the differences to the standard wing of the Alpha-Jet
will be repeated from reference /2/.

2. DESIGN DESCRIPTION

The choice of the wing deéign parameters (sweep angle, planform, thickness) was limited by the following
restrictions:

o Cost and airplane availability considerations allowed only a replacement of the wing and no further mo-
dificazggns.3§ince the tail could not be modified, the wing planform (sweep angle) had to be kept con-
stant g. 3).

0 An increased drag-rise Mach number could not be fully utilized for stationary manoeuvres due to thrust
restrictions. Therefore, a thicker profile was selected which could be generated without changing the
existing wing spar. (This profile leads to approximately the same drag-rise at small 1ift coefficients
as the standard profile).

Based on these considerations, the TST experimental wing shows the following differences to the wing of
the standard Alpha-Jet:




o Transonic profiles
(thickness, approximately 20 % increased)

o Extended wing leading edge
(to improve area distribution)

o Manoeuvre flaps
(consisting of sfats and 25 % single-slotted fowler-flaps)

Fig. 4 shows a comparison of the new TST-profile with the profile (modified RAE 103) of the $tandard
Alpha~Jet. With a thickness of 12,4 % at the root and 10,3 % at the tip it is approximately 20 % thicker
than the standard profile. It is designed such that the drag-rise Mach number is not decreased at low
1ift coefficients and increased at high CL-vaIues.

The various slat and flap positions are described in Figures 5 and 6. The standard Alpha-Jet has no slat
and 30 % single-slotted landing flaps with a fixed hinge-line. In the %7¢ = 320-position both flaps have
the same extension of the wing planform. (Q?v = slat deflection, ?VK = flap deflection}.

On the current experimental flight tested wing the flaps and slats cannot be moved in flight. Due to fun-
ding restrictions it was decided to use fixed flap positions, which can be changed on the ground cor-
responding to the five positions shown in Figures 4 - 6.

3. THEORETICAL CALCULATIONS

The transonic wing was developed by a combined theoretical and experimental procedure which utilized the
following theoretical methods:

o 2-D viscous calculations based on direct and inverse transonic small disturbance (TSP) methods com-
bined with 2D-integral boundary layer methods.

o 2-D and 3-D subsonic panel methods.

0 3-D transonic small perturbation (TSP) and full potential equations (FPE) methods and 3D-boundary
layer analysis.

After the design freeze of the TST improved transomic computational techniques were developed consisting
of mesh generators for complex shapes and accurate full potential and Euler solvers.

A major part of the progress can be attributed to a considerably more detailed and realistic representa-
tion of the body geometry.

A comparison of theoretical pressure distributions with wind tunnel and flight test data will be presented
in the following paper /3/.

4. WIND TUNNEL TESTS

Fjgures 7 and 8 present an overview of the wind tunnel tests performed with TST-models. Following tests
with 2D profile models a 1:5 low speed model and a 1:10 high speed model were tested in different test
periods with certain model modifications between the tests.

After the design of the configurations was frozen in 1977 additional wind tunnel tests were carried out
which added significantly to the body of data available for comparison with flight data,

In 1980 the original half-wing of the TST mounted on a partial dummy of the Alpha-Jet fuselage was tested
by ONERA in the S1 wind tunnel in Modane at flight Reynolds numbers (Fig. 9). These tests were performed
in order to reduce the uncertainty about the effects of high Reynolds numbers on the aerodynamic coeffi-
cients and thus reduce the required amount of flight testing, The "model” was equipped with the same in-
strumentation as the identical wing on the test aircraft, which is described in more detail in section 5.
The pressure distributions and wake measurements obtained in the S1 tunnel are compared with flight data
in reference /3/. A direct comparison of total force coefficients is not possible because only the wing
was attached to the wall-balance. However local Toad measurements on the wing with manoceuvre flaps were
performed up to the structural limit of the wing.

Further tests with the 1:10 model in the 16T-~AEDC-tunnel are part of a data exchange agreement.

The comparison of wind tunnel and flight total force coefficients will therefore be based mainly on the
results obtained with the 1:10 high speed model in the ONERA S2 and NLR HST wind tunnels at a Reynolds
number (based on aerodynamic mean chord) of Re = 2,5 - 106 (S2) and Re = 2,8 - 106 (HST) with a wind tunnel
blockage (cross section of model divided by cross section of test section) of 1,2 % in both cases, In the
HST-test transition was free, whereas in the S2-test free transition and a transition fixed at 10 % chord
on the upper and lower surface (with 0,1 mm Ballotini) were investigated. In both wind tunnels the model
was supported by a rear sting which was straight in the S2 (Fig. 10) and cranked in the HST. The inlets of
the model were open and allowed a given mass flow corresponding to a typical flight condition.

In addition to total forces pressure distributions in 5 wing sections and for buffet analysis, in particu-
lar, wing root bending moments, unsteady pressures (kulites) and accelerations were measured during the
S2 tests.
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5. FLIGHT TESTS

As already mentioned in section 1 flight tes“ing with the TST began in December 1980. Today the flight
program is essentially completed with approximately 110 flights flown by 5 pilots. The fligat testing was
a joint effort of Dornier and the German Flight Test Center £-61 at Manching. After the flight envelopes
were opened by Dornier the aircraft was transferred to E-61 where 70 % of the flights were performed. The
flights (Fig. 11) were concentrated on the five configurations shown in Fig. 4 - 6 and a single additional
flight for the configuration 7V = 0 retracted, 7K = 50 (@ in Fig. 11).

Test Instrumentation

....................

The right-hand wing of the experimental aircraft, which was already tested in the Sl-tunnel, is equipped
with the following devices:

- static pressure tubes at 4 sections
(48 pressures in each section)

- 20 kulite dynamic pressure probes in 4 sections (Fig. 12)
(Due to restrictions of the FM-unit only 7 kulites could be operated in flight (Fig. 30). The
positions were selected on the basis of the Sl-tunnel-results).

- 22 strain gages for buffet and load analysis
(2 additional strain gages were installed at the horizontal stabilizer) (Fig. 13)

- 5 accelerometers for buffet and structural analysis (Fig. 13)

- a rotating ONERA-Pitot rake for wake measurements at the trailing edge (discussed in /3/)
(This rake was not permanently installed).

An additional accelerometer was mounted at the pilot seat in some of the flights.

The data described above and the complete flight conditions of the aircraft were registered on a magnetic
tape on board of the aircraft. In addition the data most important for controlling and monitoring the
flight were transferred to the ground by telemetry.

Drag Polars (based on /4/ - /7/)

The main interest of the flight testing was directed towards the performance of the new wing especially
in comparison to the standard Alpha-Jet. Wing performance evaluation from flight tests is a delicate
problem and needs large effort in test instrumentation, calibration, data acquisition and reduction.

The evaluation procedure used at Dornier is prescribed in Fig. 14. Due to the required high accuracy of
the results special preparations have been carried out to be sure of the quality of the flight test and
engine data. The basic data for the performance evaluation were generated by sets of stationary, quasi-
stationary and instationary manoceuvres, which lead directly to performance characteristics as maximum
stationary horizontal speeds and load factors, climb rates and specific range values directly computed
with the aid of the measured fuel consumption. The evaluation process was directed towards the 1ift and
drag polar curve as the most general result, which can easily be compared with other data.

To have the best approximation of all evaluated values the individual results have been used to define
the typical parameters of a mathematical description of the polar curves in the following form:

dC
Lift Polar: C s (C ¢ L .a +8C
L Lo y.re { sep (&)
[« normal state =] |~separation corr.=|

. L ] - 2
Drlg Polar: CD Chﬁ\n + KI(CL CLCDTHH) * Kz ACLSQD (‘)

(C_ = Vift coefficient, Cy = drag coefficient, & = angle of attack)

Fig. 15 gives an example of the correlation of the flight test data with the mathematical approximation of
the 1ift curve for the configuration with retracted flaps and slats. Fig. 16 to 20 show the same compari-
son in the case of the drag polars for all flown flap configurations. These results are based on stationary
manoeuvres.

Another important aspect to the performance of the wing is the maximum attainable 1ift coefficient (Cimax).
which is depending on the deceleration rate, altitude, cg-position and power setting. Furthermore it %s
important to properly define the flight characteristics, which have to be used to find the exact instant,
when the maximum 11ft is reached. In our case this was defined as the moment, where the pilot firstly used
the rudder to keep the aircraft on course. The reference deceleration rate was averaged between this point
and the instant of 1.1 VStal]'
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Fig. 21 shows the results of the (| pax-evaluation as a function of the deceleration rate, the influence of
which is higher for the flap configurations. The reference values to be used are those for 1 kts/sec
deceleration.

Parallel to Dornier the German Flight Test Center (BWB AFB LG IV) did their own evaluation using compar~
able /8/ and special methods as the MCA (mass consumption acceleration) method /9/. Also parailel to this
effort the OFVLR tried to investigate the polar data by evaluating the dynamic roller coaster manoeuvres
with the aid of a Maximum Likelihood Estimation Technigue /10/. Fig. 22 shows a comparison of the investi-
gations done by Dornier, AFB LG 1V and DFVLR for two typical Mach numbers. It can be seen, that the
results are nearly identical. Therefore it can be concluded that the flight test results have a high level
of accuracy.

Buffet Results (based on /11/ - /13/)

The buffet criteria used in evaluating the flight test results are summarized in Fig. 23. They will be
explained by discussing the following figures for the clean configuration (flaps and slats retracted).

At buffet onset the pilot feels the onset of flow disturbances which, however, do not impair the flight,
The pilot's "top" based on this definition is compared in Fig. 24 with the 0.2 g rms-value of the wing
tip accelerometer (acceleration normal to the wing surface) and in Fig. 25 with the beginning of the
oscillation of the rms-signal of the BRX-accelerometer (acceleration in x direction measured at aircraft
center of gravity). Both sets of data agree well with the pilot's tops.

The pilot's tops for "moderate buffet" are related to light roll ascillations of the aircraft which affect
tracking without constituting a tracking 1imit. An evaluation of the recorded data showed that the best
correlation could be reached by comparing the pilot's statements with + 109/sec roll oscillation (Fig. 26).

For "heavy buffet" relatively few flight data are available and a definite correlation of pilot's impres-
sion and a simple evaluation of the recorded flight data was not possible. The pilot's top for “heavy
buffet" means here that control inputs are required for stabilizing the aircraft and that tracking is
nearly impossible.

The mean values of the different buffet levels for the clean configuration are summarized in Fig. 27.

At the end of the flight test program some additional flights were carried out in the clean configuration
with an accelerometer installed at the pilot's seat. Between these tests and the first tests in the clean
configuration, on which the results described above are based, the pilots had logged approximately

80 hours on the TST in different configurations. The increased familarity of the pilots with the aircraft
resulted in significantly higher buffet lines. In Fig. 28 the results of the first flights - compared
with the results of three recent additional flights.

It shows, that the buffet onset curves are almost identical. They correlate well with the first kink in
the rms-signal at the pilot's seat.

The more recent curves for moderate and heavy buffet lie at higher Mach numbers considerably above the
initial curves. The heavy buffet curve is again solely based on pilot's tops whereas the moderate buffet
curve is based on pilot's tops and the VRX = + 109/sec roll criterion. The shift of the VRX-data indicates
that the influence of the pilot on the roll oscillation cannot be neglected and that it depends on the
familarity of the pilot with the aircraft.

The moderate buffet level as defined above can roughly be correlated to a 0.2 g rms-value of the accelero-
meter at the pilot's seat (BRSZ). With increasing Tift coefficient the BRSZ-signal inc-eased at some Mach
numbers but remained constant at others such that a reasonable correlation with the "heavy buffet" top of
the pilots is not possible.

In summarizing the results for the clean configuration it can be stated that
- the buffet onset curve is relatively well defined and reproducible

- the curves for higher buffet levels are less well defined and more dependent on the experience of the
pilot with the special aircraft and on his personal impression. Flights for the determination of higher
buffet levels should therefore be performed only after the pilots had a chance to gain sufficient ex-
perience with the configuration. Especially for "heavy buffet" a reasonable correlation of pilot's im-
pression and recorded flight data is difficult to achieve.

The observations are in general agreement with /14/.

Similar evaluations based on the same criteria were performed for the remaining four configurations. The
mean ¥:1ues of the buffet onset results plotted in Fig. 29 clearly show the influence of flaps and slats
on buffet onset.

Finally an attempt has been made to correlate the Kulite-signals with various buffet Yeves. For the Kulites
in the shaded region of Fig. 30 a rms-signal has been recorded which increased beyond the corresponding
basic level as an indication of disturbed flow. The boundaries of the disturbed region cannot be determined
accurately because only a limited number of Kulites could be operated in flight due to limitations of the
FM-unit. Fig. 30 has to be regarded as a preliminary result. An additional and more detailed evaluation of
ghER:ulite-signals with increased sensitivity of the corresponding FM-channels will be carried out by

N .




6. COMPARISON OF FLIGHT AND WIND TUNNEL RESULTS

Lift and Drag Coefficient

In this section some of the results described in the previous two chapters will be compared.

Figs. 31 - 34 show the drag polars of the trimmed aircraft for 4 different configurations. The flight data
correspond to the mean values taken from Figs. 16 _- 20. The ground data were generated in the ONEPA-S2
wind tunnel at a Reynolds number of Re = 2.5 < 10° with free transition. Thev are not corrected for
Reynolds number- or wall interference effects. The latter is very small in the S2 for this configuration.
The agreement of CL (CD) between ground and flight data is good.

In Fig. 35 the minimum drag coefficient is given versus Mach number. A comparison of data with fixed and
free transition shows that the Cgmin-va1ues measured with fi.ed transition are in better agreement with

flight data. In both cases the drag rise Mach number is well predicted by the wind tunnel.

For free transition the coefficients obtained from S2 and HST-tests were almost identical. The S2-data
plotted here are therefore also representative for the HST-results.

By comparing the ground and flight polar curves it has to be kept in mind that the plotting of both curves
requires some interpolations (e.g. for constant Mach number) and that both curves have a certain scatter
which is difficult to determine quantitatively.

The 1ift curve slopes measured in the windtunnels are lower than the flight data (Fig. 36).

In Fig. 37 the maximum 1ift coefficients for the clean gnd for the landing configuration obtained in gif-
ferent wind tunnels at a Reynolds number of Re = 1 - 10° are compared with flight data at Re = 9 - 10°.
The three wind tunnels give essentially identical results. Due to Reynolds number effects the maximum
trimmed 1ift coefficients reached in flight are higher by approximately 8 % for the clean configuration
and approximately 20 % for the landing configuration.

Buffet

The extraction of buffet data from wind tunnel tests is a difficult task which is generally limited to the
determination of buffet onset as the following results will confirm.

In Fig. 38 the rms-values of the wing root bending moment Cr are plotted as function of the angle of
attack o< for different Mach numbers. The data were obtained in the S2-wind tunnel with the 1:10 model in
clean configuration with free and fixed transition. On each curve the corresponding flight test results
from Fig. 27 for various buffet levels are indicated. A comparison of Cp with the flight data shows, that
the first kink of the Cp(o )-curve agrees well with the flight test results for buffet onset, whereas a
definite correlation between the wing root bending moment of the wind tunnel model and higher buffet
levels observed in flight is not yet possible. The flight data show that the TST can penetrate well beyond
the point where the Cp-signal reaches its maximum value before heavy buffet is reached. The discrepancy
can partially be explained by the different structural response of wind tunnel model and actual aircraft.

Similar results are obtained for the configuration 77y = 0° out,‘?’K = 59, According to Fig. 39 the first
kink of the CF-signal again agrees well with the flight results for buffet onset.

A relatively good correlation /15/ with flight data for buffet onset is also obtained (Fig. 40) for that
wind tunnel 1ift coefficient which corresponds to an angle of attack 0.50 beyond the break angle of attacx
& pr» where &by is defined as that angle of attack where C_ ( & ) becomes non-linear.

Correlations for moderate buffet are more difficult. For the TST-configuration the flight test data for
moderate buffet showed reasonable agreement with the following wind tunnel results:

- (C_) moderate buffet = (C)p.eqa *+ O0-1

- (C_) moderate buffet = C/ , where the rms-value of the wing root bending moment reaches twice the
value it has at small angles of attack (basic value).

However, these correlations differ for different configurations, wind tunnels and models and a general
application is not justified.

7. COMPARISON TST - STANDARD WING

In this final chapter a short comparison of flight test results for the experimental TST-wing with manoeuvre
flaps and the standard wing of the Alpha-Jet is discussed.

Drag Polars and Buffet

The drag polars C* $C?) plotted in Fig. 41 show that corresponding to the design goals of the TST the drag
reduction of the TST increases with increasing 1ift coefficient and increasing Mach number.

From Fig. 42 the influence of the transonic wing and the manceuvre flaps on buffet onset can be deduced.
According to flight test results the increase in buffet intensity with increasing 1ift coefficient is con-
siderably smaller for the transonic wing. The difference of the curves for TST and standard wing at higher
buffet levels (e.g. tracking limit) is therefore larger than the difference at buffet onset shown in Fig. 42.
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By assessing the results of Fig. 41 and 42 it has to be kept in mind that the TST-profile is 20 % thicker
than the profile of the standard wing. Additional improvements with respect to drag and buffet could be
realized by using a transonic profile with the same thickness as the standard profile. The thicker profile,
however, allows larger internal fuel tanks in the wing and a correspondingly increased range.

The maximum 1ift coefficients of both wings are compared in Fig. 43. For the clean configuration the
CL.max-values are almost identical, whereas the configuration with fully extended flaps and slats has a
considerably higher maximum 1ift than the standard wing with fully extended flaps. The increase in CL max
is mainly due to the slat on the TST. Similar to the Alpha-Jet the stall behaviour for both configurations
is very good with early stall warning, symmetrical stall and full control in the stall region.

8. CONCLUSION

The comparison of wind tunnel and flight data described in the previous sections allows the following cc' -
clusions for the TST:

o The drag polars C (CD) agree surprisingly well

0 A reasonable prediction of buffet onset can be derived from wind tunnel tests. However, a reliable
wind tunnel prediction of higher buffet levels is not yet possible.

A comparison of flight test results for TST and standard wing shows that the transonic wing with manoeuvre
flaps offers substantial improvements in performance and manoeuvrability.
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GROUND / FLIGHT CORRELATION ON THE ALPHA-JET
EXPERIMENTAL AIRCRAFT WITH A TRANSONIC WING

A Comparison of the Wing Pressure Distribution
and Local Wake Survey from Analytical,
Wind Tunnel and Flight Results

by

H. Buers
Dornier GmbH, Germany

V. Schmitt, J. Lerat
ONEPRA, France

SUMMARY

Pressure Distributions at four sections of a transonic wing on a combat aircraft have been measured in
different wind tunnels and in flight. The results are compared with each other and with theoretical data.

In addition, wind tunnel and flight test wake results obtained from a rotating pitot-tube are presented.

NOMENCLATURE

C chord length

CD drag coefficient

CL 1ift coefficient

Cp pressure coefficient (p - p_)/q

C; critical pressure coefficient

p static pressure

Pt total pressure

[s} dynamic pressure

z vertical distance from wing reference plane
a angle of attack

8 angle of side slip

Re Reynoldsnumber based on aerodynamic chord
Ma Machnumber

Subscripts

s rotating pitot (s: sonde de silage)

W wake

Abreviations

Sl ONERA Wind Tunnel S1 (Soufflerie 1) at Modane

S2 ONERA Wind Tunnel S2 (Soufflerie 2) at Modane




L. INTROODUCTION

The flight tests with the Dornier TST experimental aircraft are the final step of a program covering tne
design of a wing for a future subsonic combat aircraft with improved performance and behaviour in the
transonic flight region. The main task for the new wing was the development of a new transonic besic air-
foil and its modification for the tip and root sections of a real three-dimensional wing, combined witn the
design of a highly effective manoeuvre-flap system. Therefore great emphasis was placed on the pressure
distributions of the wing during all steps of the program. The 1:10 High Speed Model as well as the right
hand wing of the experimental aircraft were equipped with pressure tubes to learn as much as possible about
Machnumber-, angle of attack- and Reynoldsnumber-effects on the airfoil qualities.

Reference /1/. /2/, give background information on the TST-program, the design description, ine different
program steps and the total aircraft performance from the flight tests.

This paper informs about pressure distributions in flight test, which reveal the influence of Machnumber
and angle of attack in the transonic flight envelope. An attempt is made to show Reynoldsrumber effect.
Additional wake investigations by means of an ONERA designed rotating Pitot tube are oresented. The pitot
delivers informations about the wake characteristics and, in particular, shows the existence of shock wa-
ves on the wing. From the wake the local drag rise boundary is determined.

Some flight test results are compared with measurements, obtained in the ONERA wind tunnel S$1 ana $¢ (Mo-
dane). The problems involved with such a comparison are discussed.

Finally, recent progress of numerical prediction methods for complex geometries is demonstrated by a com-
parison of calculated pressure distribution with flight test results.

2. MEASURING EQUIPMENT AND TEST PRUCEDURE

2.1  Test Set-up for Pressure Distribution and Wake Survey in Flight

For comparison with wind tunnel results the TST experimental aircraft is equipped with static pressure tu-
bes at four wing sections. Fig. 1 shows the wing planform and gives the spanwise stations, where the pres-
sure distributions were measured. Several flights were conducted with a rotating pitot /3/, attached close
to the trailing edge flap for wake survey as shown in Fig. 2. The location of the rotating pitot is also
indicated in Fig. 1. The pitot probe is installed in such a way that the local wakes of the sections ¢ ang
3 can be investigated. During the revolution of the pitot the total and the static pressure are measuvred
by means of two pressure transducers. A potentiometer gives the probe position.

Fig. 3 gives the chordwise location of the pressure tubes at the four sections. All pressures of each sec-
tion where ledviaa scanivalve to the pressure transduce:. The static and dynamic reference pressure val-
ues were taken from probes at the forward fuselage. It requires 5 seconds to record a complete pressure
distribution on the data tape.

2.2 Pressure Distribution in Flight Test Procedure

Of course it is more difficult to measure pressure distributions in flight than in the wind tunnel, because
it is difficult to keep the flight conditions steady for a sufficiently long time. The TST-tests were com-
plicated by the fact, that the actual configuration is a rather light aircraft without fuel storage in the
wing and without external stores; therefore, to achieve higher 1ift coefficients, it was necessary to fly
turns with higher load factors. Another point which affected the accuracy of the pressure distributions is
the aircraft pitch control system, which was not optimized for the new configuration. The TST control Sys-
tem is rather sensitive at higher transonic Machnumbers.

In spite of these difficulties the achieved quality of the pressure distributions is rather good /4/, as
demonstrated in Fig. 4 and 5. Fig. 4 shows the variation of the Machnumber and the angle of attack during
the 5 seconds of one scani-run. One test point was at Mach .71 with a loadfactor of n = 1.0 and the other




test took place at Mach .83 and was a turn with n = 3.2.

Fig. 5 demonstrates the effect of Machnumber and angle of attack variations on the pressure distributions.
The average variations s 1 of angle of attack and 2 Ma of Machnumber of the analysed pressure distributions
do not exceed:

4 Ma = 0.005

sw = 0,150 fliant

These values have to be compared with those from the wind tunnel tests. In 1980 for example in the Sl witn
the 1:1 half-model using the real TST-wing, the average Mach variation was of the same order as in tne
flight test. The angle of attack variation, however, was evaluated as less than .05 degrees. Un the other
hand, for the much more classical tests in the S2 with the 1:10 complete model in 1977, better average
values were achieved:

+Ma = 0.0005
sa = 0.02°

During the wind tunnel tests one scani-run took about 15 seconds.

Of course there were further parameters observed to judge the .est qualities.

2.3 Wake Survey - Data Processing

The rotating pitot is operated for two or three revolutions during very well stabilized performance tests
(load factor = 1.0). The angular speed of the pitot is 16% sec.

This kind of test must be performed under very steady conditions: the wake survey takes between twu ang
ten seconds where acceptable variations must remain below:

s Ma= +0.001; 5 =+ 0,1°

The reliability of these measurements in flight is shown in Fig. 6, where two wakes obtained at the same

Machnumber are compared.

A total of about fifty wake surveys were performed and processed in the course of these test flignts.

3. FLIGHT TEST RESULTS

3.1 Pressure Distributions at the Design Point

One of the design requirements of the TST was a buffet free 1ift coefficient of CL = 0.4 at “een U.as. In
Fig. 7 the pressure distribution is plotted for this flight condition. Typical of thc new transuvrmic air-
foil generation is the nearly constant pressure coefficient in the supersonic flow region on tne upper
wing surface. The pre-shock Machnumber at the four sections is about Ma = 1.2. The pressure rise is acnie-
ved by a compression shock at a chordwise location of 60 . inboard to 40 outboard, This test point 1,
about 1° in angle of attack below the buffet onset boundary.

3.2 0ff-Design Behaviour

The off-design qualities of the TST wing are demonstrated by the effects of Machnumber and angle of attacw
on the wing pressure distribution. Since these effects are nearly the same 1n ali four se tions, only the
results for section 3 are discussed.

Fig. 8 points out the effect of Machnumbe - on the pressurc distribution. With ncreasing Machnumoer tne
supersonic flow region moves towards the trailing edge. The flat camber of tne uppor surface of tne for-
ward part of the wing prevents high pre-shock Machnumbers and severe dragrise.

The effect of angle of attack on the pressure distribution at dasign Machnumber .53 15 demonstrated infig.
8 from s = 0.8° up to 3.9%, that is from a 1ift coefficient of CL = 0.1 up toa Tift coefficient Just Le-

fore buffet onset.
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The rear part of the wing is hardly affected by increasing angle of attack. The supersonic region on the
lower side of the wing, which is terminated by a shock wave, disappears with increasing alpha. On the up-
per surface there is at first an extension of the supersonic flow towards the trailing edge up to about 2°
of angle of attack and for higher incidence the Cpmin-values grow by a nearly constant o C_ in the super-

critical flow field.

p

3.3 Reynoldsnumber Effects in Flight Tests

In the case of transonic airfoils attention must be paid to the effect of Reynoldsnumber. Although the
major effect was expected following the change from S2 wind tunnel to S1 and flight conditions, where Re
changes from 2.5 x 106 to about 25 x 106, interesting differences were also discovered in Reynoldsnumber
variation during the flight tests.

Of course it is not easy to separate the pure Reynolds effect in flight, because it is very difficult to
achieve the same conditions at two test points. There often is an overlay of Machnumber,angle of attack
and load factor influences.

Fig. 10 compares the pressure distribution at Mach 0.83 for Re = 23 x 106 and Re = 10.9 x 106. The subcri-

tical flow on the lower surface is scarcely affected. Remarkable differences are detected on the upper
surface of the inner part of the wing, represented by sections 1 and 2. In the supersonic flow field lower
pressure coefficients are achieved at the higher Reynoldsnumber. From other tests it could be derived, that
these differences are higher than those expected from the variation of the Machnumber and angle of attack
during the scani-run. The outer part of the wing shows variation in Cp due to Reynoldsnumber, which is
within the test accuracy. Though the difference in loadfactor between the two test points runs up to 2.5
g's, there seems to be only a little change in wing torsion, because this would lead to differences in the
effective angle of attack and thus vary also the pressure on the lower surface.

3.4 Wake Measurements

Measurement of the wake total pressure is made at a loadfactor of n = 1.0 and the tests were performed at
the same Reynolds- and Machnumbers as in the S1 wind tunnel tests.

Lift coefficients achieved in flight were very low for stable horizontal flight of the altitude correspond-
ing to Sl tests. Therefore it was not possible to check the wake at the design point.

Fig. 11 shows the shape of the pressure distribution at section 2 and 3 at the design Machnumber, but the
CL for n = 1.0 is only 0.1. Shock waves on both upper and lower side can be seen, whereby the pressure loss
at section 2 is bigger than at section 3. The differences in depth between the two wakes are explained by
different distances between pitot and trailing edge at section 2 and 3.

Fig. 12 shows evaluation of the wakes for Machnumbers = .725, 0.835 and 0.851 at section 3. The wake
thickening with increasing Machnumber indicates the growth of the shock waves, especially on the lower sur-
face at these low anglesof attack.

The drag evaluation, derived from the wake, against Machnumber is shown in Fig. 13 for both sections, fol-
lowing the envelope:

0.53 < Ma < 0.851
10.1 < Re . 10% < 24
0,10 < ¢ < 0.16

According to this result, the section 3 profile hus slightly higher drag than section 2. Nevertheless the
drag divergence Machnumber is approximately the same at both sections at Mach .835.




4, COMPARISON OF FLIGHT- AND WIND-TUNNEL-RESULTS

4.1 Pressure Distribution

The comparison of the flight pressure distributions with ground test results at first requires some details
about the different test conditions in flight and in the wind tunnel. The basic test series, as indicated
in /1/ took place in the S2 tunnel, where the 1:10 complete model was mainly tested at a Reynoldsnumber of
2.5 x 10% with free transition. The clean model was fabricated with a perfect wing surface; there were no
gaps or steps from the flap system. Flow visualization indicated very large parts with laminar boundary
Jayer on the wing. Some tests were conducted with fixed transition at 10 % chord. In all these S2 tests
wall corrections /5/ were found to be negliigible.

A very important test serie was carried out in the Sl tunnel, where the original rignt hand wing was
checked as a half-model at flight Reynoldsnumbers. Of course the surface of the original wing is not as
smooth as the 1:10 wing. For example there are irregulations from rivets and metal joints, and gaps and
steps from the flap system even in retracted position.

In order to reduce blockage effects to acceptable limits the fuselage dummy had to be slightly truncated
in spanwise direction; nevertheless the blockage rate of 2,7 % was nearly twice that of the usual values.
The calculated global wall corrections are rather small, for example at the design point:

A MaC = Ma = - 0.005

corrected ~ MaTest

A o = -0.25°

¢~ %corrected - *Test
A recent attempt to determine Tocal wall corrections is under progress.

An overview of Reynoldsnumbers achieved in the flight envelope and in the wind tunnel tests is given in
Fig. 14.

The comparison of pressure distribution between flight and wind tunnel tests has to be made at the same
Machnumber and angle of attack. Due to flight test procedure it is nearly impossible to realize that con-
dition; more or less important differences have to be admitted and taken into account in the analysis of
results.

Another point that one must consider comes from the plot presentation of the test. The distance between
two pressure tubes at the wing sections is in the range of about 5 % of chord length and the measured
pressure-coefficients are combined Tinearly. Thus smaller focal effects might be overvalued.

The following figures compare flight and wind tunnel results at Mach .71 and .83.

The first result plotted in Fig. 15 a - d concerns the subcritical case at Ma .71 and angle of attack of
3%, The flight pressure distribution was measured at a Toadfactor of n = 2.8. In general the agreement
between wind tunnel and flight is quite good. Main differences occur at all sections at the supercritical

suction peak on the upper surface near the leading edge, where the flight exhibits higher negative C_-
values. In spite of the big differences in Reynoldsnumber between S2 and flight, there is better agree-

ment between S2 and flight than between S1 and flight.
The differences between free and fixed transition are smal] and nearly limited to the location of the

ballotini-strip.

At the design point, which was checked in flight with a loadfactor of n = 1.5, the results from S2 and
flight agree reasonably well, as demonstrated inFig. 16 a - d. The differences are mainly located in the
supersonic flow field on the upper surface. More important differences appear between flight test and Sl.
The Tocal Machnumbers on the upper side in the whole supersonic region are smaller in the S1. The diffe-
rences diminish from wing root to wing tip and it is supposed that they originate from the fuselage repre-
sentation in the S1 together with floor boundary layer effects.

At this Machnumber the transition free tests from S2 provide better agreement with the flight test, though
the interaction between shock wave and laminar boundary layer on the upper surface induces a laminar sepa-
ration bubble, which leads to a 1ight compression upstream of the shock. The principal effect of the fixed
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transition test is the change in shock position, which moves upstream with the fixing of the transition.

In comparison with S2 tests, the original wing test at the higher Reynoldsnumber achieved neither in Sl
nor in flight significant change of rear loading. This indicates that viscous effects are not very signi-
ficant on the TST wing.

4.2 Wake Shapes and Drag

Wake measurement comparison is confined to S1 wind tunnel and flight test with the full scale wing and
the rotating pitot, because no wake investigations took place in the S2 wind tunnel.

Mach- and Reynoldsnumber are the same; the only difference T1ies in the angle of attack.

Fig. 17 shows a comparison of section 3 wake at Mach .59 and .77. The wind tunnel wakes are slightly
thicker than those in flight.

Fig. 18 shows the evaluation of wake drag versus Machnumber 2t the same section 3 at constant angle of
attack. According to the initial analysis, it seems that the drag is somewhat smallerin flight than in the
wind tunnel up to the divergence point. There may be larger differences in angle of attack for this compa-
rison, but this cannot be the reason for these differences which are still unexpltained. On the other hand
one notices, that the dragrise Machnumber is nearly identical in both cases.

5. COMPARISON OF CALCULATED AND FLIGHT PRESSURE DISTRIBUTION

In Fig. 19 a ~ b the flight test results are compared with calculated pressure distributions for two wing
sections /6/, /7/. The results of two calculation methods are presented. The first method is based on the
Transonic Small Disturbance (TSP) theory and was performed during the design phase. The other theoretical
pressure distributions result from more recent calculations, solving the full potential equation for tran-
sonic flow in finite volume formuiation, using a contour conformal mesh generation for arbitrary wing-body
configurations. Details can be found in Ref. /8/ and /9/. Both calculations have been made without correc-
tions for 1ift or Machnumber and without viscous effects.

The more favorable results of the recent calculations are obvious. The main improvement was found to be
based on the better representation of body and wing fuselage intersection. There is reasonably good agree-
ment with the flight results with regard to the complicated shape of the TST.

6. CONCLUSION

The comparison of ground and flight test results in the TST program showed reasonably good agreement of

the pressure distributions at subsonic and transonic Machnumbers up to buffet onset boundaries. An effect
of Reynoldsnumber between wind tunnel tests at Re = 2.5 x 106 and flight tests could not be clearly identi-
fied. For this aircraft the dimension of Reynoldsnumber effect seems to be of the same order as some

other effects, as there are:

e accuracy of the test results

o geometrical differences and different
elastic deformation between model and
real wing

¢ wind tunnel corrections

e o e -
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FLIGHT AND WIND-TUNNEL CORRELATION OF
BOUNDARY-LAYER TRANSITION ON THE AEDC TRANSITION CONE

David F. Fisher
NASA Ames Research Center
Dryden Flight Research Facility
Edwards, California 93523
U.S.A.

N. Sam Dougherty, Jr.*
Rockwell International
Huntsville, Alabama 35801
U.S.A.

SUMMARY

Transition and fluctuating surface-pressure data were acquired on a 10° included angle cone, using the same
instrumentation and technique over a wide range of Mach and Reynolds numbers in 23 wind tunnels and in flight.
Transition was detected with a traversing pitot-pressure probe in contact with the surface. The surface-pressure
fluctuations were measured with microphones set flush in the cone surface. Good correlation of end-of-transition
Reynolds number ReT was obtained between data from the lower-disturbance wind tunnels and flight up to a

boundary-layer edge Mach number, Me =1.2. Above Me = 1.2, however, this correlation deteriorates, with the
flight ReT being 25 to 30% higher than the wind tunnel ReT at Me = 1.6. The end-of-transition Reynolds number

correlated within +20% with the surface-pressure fluctuations, according to the equation

-0.25
6 Ps

oo

Re,r= 3.7X 10

Broad peaks in the power spectral density distributions indicated that Tollmien-Schlichting waves were the
probable cause of transition in flight and in some of the wind tunnels.

NOMENCLATURE
F nondimensional peak center frequency, T temperature, K (°R)
2
(anve)/ue u velocity , m/sec (ft/sec)
f frequency, Hz Ulv unit Reynolds number, per m (per ft)
GI (f) power spectral density function X'I‘ end-~of-transition location, cm (in)
H 1962 standard atmosphere pressure Xt onset-of-transition location. em (in)
altitude, m (ft)
L length of cone with extension, 113.0 cm x distance alor}g a cone ray from the cone
(44.5 in) apex, cm (in)
M Mach number « cone angle of attack with respect to air-
stream, deg
P pressure, N/m2 (lb/ftz) B cone sideslip angle with respect to air-
stream, deg
p' fluctuating pressure, N/m2 (lb/ftz) 2 2
v kinematic viscosity, m“/sec (ft”/sec)
p; average static root-mean-square fluctuating [ cone azimuthal angle relative to cone top
pressure., N/m2 (lbmz) center ray (Fig. 1(b)), deg
2 2 Subscripts:
q dynamic pressure, N/m”~ (Ib/ft%)
aw adiabatic wall
ReT end-of-transition Reynolds number
e boundary-layer edge
Re..' end-of-transition Reynolds number not .
T corrected to adiabatic temperature max maximum
Rel onset-of-transition Reynolds number p traversing pitot
t total
ReJc Reynolds number based on length from cone
apex w at wall

*Formerly with ARO, Inc., Arnold Air Force Station, Tennessee 37388, U.S.A.




a in pitch plane 2 at aft microphone on cone surface
(x =66.0 cm (26 in))
B in sideslip plane
oo free stream
1 at forward microphone on cone surface
(x=45.7cm (18 in))

1.0 INTRODUCTION

The importance of Reynolds number in scaling aerodynamic-model test results from wind tunnels to full-scale
flight vehicles is well known, and the data from the small models have to be suitlably adjusted for Reynolds number
effects. Because these adjustments are usually based on simple extrapolations or ratios of Reynolds number, they
introduce some errors. The viscous effects on the boundary-layer growth on a body are cumulative and can create
boundary -layer/shock interactions or separations at transonic and supersonic speeds that differ significantly with
the scale-up from model to full-scale vehicles. The location at which the boundary layer changes from laminar to
turbulent flow influences boundary-layer growth and has a significant effect on these interactions and separations .
Hence, the transition Reynolds number based on the point of transition and on the unit Reynolds number is a key
parameter in the overall similitude of flow .

As pointed out by Potter and Whitfield (Ref. 1), one cannot expect a constant value of transition Reynolds
number relative to a characteristic length Reynolds number when scaling transition-sensitive data. As noted by
Morkovin (Ref. 2), there are no clear-cut rules to ensure that the transition locations predicted for general body
shapes will be accurate. A common practice in wind-tunnel testing is to force transition with artificial trip devices,
particularly when there is a large mismatch in model and full-scale Reynolds numbers. The fixing of transition
provides a gross approximation of the flow, even though the discrete characteristics of the boundary layer on the
model may not be the same as on the full-scale vehicle. The usual correction is to subtract out the skin friction of
the model. using a flat-plate friction law for the wind-tunnel Reynolds number, then adding back the skin friction
for the full-scale vehicle at flight Reynolds numbers.

Treon et al. (Ref. 3) have shown, however, significant differences in data for the identical model, Mach
numbers. and Reynolds numbers in three different wind tunnels because of flow quality. In addition, Mabey
(Ref. 4) has also shown that flow unsteadiness can affect both static and dynamic test results. Three pertinent
factors are involved in wind-tunnel flow quality: uniformity of frce-stream velocity , uniformity of streamlines or
flow angle. and free-stream disturbance level.

During the past decade, a comprehensive series of tests in the United States and western Europe have been
performed to investigate the effects of free-stream disturbances on boundary-layer transition and Reynolds
number scaling. In a cooperative effort by the U.S. Air Force, National Aeronautics and Space Administration.
U.S. Navy, the Calspan Corp., and the governments of the United Kingdom, France, and the Netherlands. the flow
disturbance levels of 23 wind tunnels (Table 1) and in flight have been documented. A sharp, slender, smooth
cone, known as the Arnold Engineering Development Center (AEDC) 10° Transition Cone., was used. Throughout
the program, care was exercised to maintain the model in the same unblemished condition. The results obtained
testify to the diligence exercised by the many test personnel who participated in this investigation. The flight-
test program was performed by the Dryden Flight Research Facility , Edwards, California. The results of the
test program were enhanced because the experiments could be repeated —sometimes as long as 8 years later—in
wind tunnels (at AEDC and Ames Research Center) whose configurations were unchanged. Likewise, selected
flight-test points were repeated weeks apart.

The tests reported here were conducted under the scerutiny and beneficial guidance of the U.8. Transition
Study Group, Prof. Eli Reshotko, Chairman. To a great extent, the credibility of the results is attributable to the
critiques, advice, and guidance sought and received on a continuous basis from this group since 1974.

The wind-tunnel data from this investigation were published by the individuals and organizations involved
in Refs. 5 to 10 and arc summarized in Ref. 11. The flight data were reported in Ref. 12. The correlations
between wind-tunnel data and flight data were reported in Refs. 13 and 14. Many of these data were used in an
independent review reported in Ref. 15,

2.0 APPROACH

Transition and pressure fluctuation data were acquired using a simple conical body and instrumentation over a
wide range of Reynolds and Mach numbers at zero incidence and adiabatic wall conditions in a number of wind
tunnels and in flight. The body shape chosen was the AEDC Transition Cone, a sharp, slender cone with a semi-
apex angle of 5°. With the exception of the flow over a flat plate, the flow over a slender cone at zero incidence
is the simplest known. At subsonic speceds, the flow experiences only a small axial favorable pressure gradient
and virtually a zero pressure gradient at supersonic speeds after shock attachment. In addition, the cone does not
have the end effects of a flat plate that result from the finite span of the plate, it is relatively casier to manufacture,
and, because it does not generate much lift at low incidence, it is better suited to flight test.

The same instrumentation and techniques were used to detcet the onset and the end of transition and to docu-
ment the pressurc fluctuations in the wind tunnels and in flight. A traversing pitot-pressure probe in contact with
the surface was used to detect the onset and end of transition. The pressure fluctuations at the cone surface were
measured with microphones set flush in the cone. The microphone-measured results approximate those of free-
stream conditions only when the boundary layer is laminar.
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3.0 TEST APPARATUS

The AEDC 10° Transition Cone (Fig. 1) was used for all transition and surface-pressure fluctuation measure-
ments. The cone had a semivertex angle of 5° and an apex bluntness less than 0.10 mm (0.004 in) in equivalent
diameter. The cone was made of stainless steel, highly polished, with a surface finish of 0.25 um (10 uin) or
better. It was 91.4 cm (36.00 in) long, with a cone extension that extended the length to 113.0 cm (44.50 in).

Transition was detected along the 0° ray (Fig. 1), using a traversing pitot-pressure probe (Fig. 2) in contact
with the surface. A 0.238-cm- (0.094-in-) diameter semiconductor strain-gage transducer was close-coupled
and mounted inside the probe.

The surface-pressure fluctuations were measured, using two flush-mounted microphones at distances of
45.7 cm (18.0 in) and 66.0 cm (26.0 in) aft of the cone apex and at azimuthal angles of ¢ = 225° and 180°, respect-
ively (Figs. 1 and 3). Condenser microphones, 0.635 cm (0.25 in) in diameter, were used for most of the wind-
tunnel tests and for the low-speed portion of the flight test. For the high-speed portion of the flight tests,
0.238-cm- (0.094-in-) diameter semiconductor sirain-gage-type microphones were used because of the higher
recovery temperatures that were reached. Overlapping data from the two types of microphones confirmed that
there was no appreciable difference in response over a bandwidth from 200 Hz to 20 kHz for the flight tests. Some
corrections to the condenser microphone data at frequencies above 40 kHz were required in the wind tunnel at
low ambient pressure. For the flight test only, a semiconductor strain-gage-type microphone, mounted on the
knee of the traversing mechanism, measured the pressure fluctuations in the free stream, as shown in Fig. 4.

The cone temperature was determined from an iron-constantan thermocouple epoxied in a small hole on the
lower centerline ray at x/L = 0.80. When transition was measured on the cone, the thermocouple would be in a
turbulent boundary layer and a turbulent recovery factor would be applicable.

For the flight tests and for some wind-tunnel tests, a hemispherical head-sensing probe (Fig. 1) was
mounted below and behind the cone apex to measure airspeed, free-stream static pressure, and flow incidence.
A ring of orifices, 4.7 probe diameters aft of the probe tip, were used to determine free-stream static pressure.
The free-stream static pressure was combined with the impact pressure from the orifice at the stagnation point to
calculate Mach number. Two pairs of orifices in the pitch and yaw planes, 40° from the stagnation point, were
used to determine angle of attack and angle of sideslip, respectively.

4.0 PROCEDURE
4.1 Flight Test

For the flight tests, the cone was mounted on the noseboom of an F-15 aircraft (Fig. 5). In order to obtain
results that could be correlated, the flight and wind-tunnel data had to be obtained at flow conditions as nearly
identical as possible. This required that the pilot fly the airplane at a constant airspeed and altitude, keeping the
cone at zero incidence and at adiabatic conditions. An in-flight calibration of the hemispherical head-sensing
probe for airspeed and altitude was made, using the pacer method (Ref. 16) at subsonic speeds and radar tracking
(Refs. 17 and 18) at subsonic and supersonic speeds. The probe was calibrated for angle of attack and angle of
sideslip in several wind tunnels. Both the airspeed and incidence calibrations are given in Ref. 12. The
inclination of the cone sting with respect to the aircraft centerline was preset before flight to compensate for the
expected aircraft trim angle of attack. Aim test-point conditions (Mach number, altitude, and trim angle of attack)
were specified, and the pilot adjusted the airspeed to center the cone angle-of-atteck indicator to zero.

The cone angle of sideslip was zeroed, using the rudders. Upper atmospheric temperature data from early
morning radiosonde balloons were used to calculate the aim cone adiabatic wall conditions. For Mach numbers of
1.2 and above, the cone had to be preconditioned on the ground with a hot-air heater (Fig. 6). The cone was
heated for about 1 hr, to a temperature of 105° C to 115° C (220° F to 240° F). The heater was removed just before
takeoff, and the aircraft climb schedule was adjusted so that the cone would be at the predetermined adiabatic-
wall temperature when the aircraft reached the aim test conditions. Data from the aircraft and cone were monitored
continuously in real time on strip charts and video displays, and the information was relayed to the pilot. For the
lower Mach numbers, it was sometimes necessary to cool the cone. This was done by flying the aircraft at a higher
altitude and lower temperature than the test point until the desired cone adiabatic-wall temperature was reached.

A history of the free-stream conditions during a typical pitot-probe traverse is shown in Fig. 7. As can be
seen, the conditions were quite stable, with angle of attack and angle of sideslip within $0.2°. A pitot-probe
traverse during the same test conditions is shown in Fig. 8. The onset of transition ,\" was defined, as it was for

the wind-tunnel data. as the location at which the minimum pitot pressure occurrced. Likewise, the end of transi-
tion XT was defined as the location at which the maximum pitot pressure occurred. Both these locations are shown

in Fig. 8.

The flight-test matrix is shown in Fig. 9. The flight data are grouped by the different aircraft trim angles that
were flown and correspond to nominal dynamic pressures. Test points at the same trim angle correspond approxi-
mately to the curves of constant unit Reynolds number, U/v. Also shown in Fig. 9 is the equivalent combined
envelope for the wind-tunnel data of this study. As can be seen, the flight data encompass most of the wind-tunnel
test data, up to a Mach number of 2.0.

4.2 Wind Tunnel Tests

Every procedural consideration described for the flight test was present in the wind-tunnel tests, except that
the problems associated with obtaining test conditions were much simpler. The cone had to be at zero incidence
and adiabatic-wall temperature. No thermal preconditioning was necessary, for the temperature excursions
were not nearly so severe, and there was ample time to wait for the cone to reach thermal equilibrium with the
flow. Some wait between data points was necessary for Tw/Taw to approach 1.0, following a large Mach number
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change. Usually . the sequence of test points could be planned to progress through small incremental changes in
Mach number. Most wind tunnels could hold total temperature constant within $3° C (#5° F) on a given test point.
The best sequencing of points was to change U_/v_ at constant M_ in a variable-density tunnel by changing P,

ut constant Tl' In atmospheric tunnels, one can only change M_.

A bigger problem in the wind tunnels was defining the incidence angle. In some cases, negligible flow angu
larity was assumed and the cone was simply aligned carefully to the test section centerline. In other cases, flow
angularity was known or suspected and a set of aerodynamic centering calibrations was performed at each Mach
number. using the transition variation with incidence angle when the pitot probe trace was 90° relative to the
windward stagnation ray. This was accomplished using the model pitch, yaw, and roll capabilities of a given
wind tunnel to define vertical and horizontal components of the stream angle. The largest stream angle found
was 1.5°,

In general, data were acquired for a matrix of Mach numbers and Reynolds numbers covering the full oper -
ating envelope of a given wind tunnel. The normal test-section ventilation procedures were followed for each
transonic tunnel near M_ = 1.0. The minimum transonic wind-tunnel test section size was 4 by 4 ft, so wall

interference attributable to transonic blockage phenomena was not considered to be a significant problem. Long
sting-support systems were used in transonic tunnels to minimize support-system blockage and radiated aero-
dynamic noise influence. The sting-supported cone vibrations were generally at frequencies less than about

10 Hz and of amplitudes small enough that no coherent oscillations could be found in the pitot pressure that could
be identified as vibratory-motion related.

Measurements of relative humidity in wind tunnels are not usually reliasble. The criterion generally used for
acquiring data in these experiments was not to proceed if there was visible fogging. However, in some cases
when dew points were above about -23° C (-10° F) at M_ > 1.8, indicated by available instrumentation, pre-

cautions were taken to verify that the indicated M_ and U_/v_ were within the wind-tunnel calibration.

5.0 RESULTS
5.1 Laminar Instability

Indications of laminar instabilities in the boundary layer were found in the microphone power spectral density
distributions during the flight test. For purposes of illustration, the spectra obtained at two test points from all
three microphone signals (free-stream impact, forward-cone, and aft-cone) are shown in Fig. 10. In Fig. 10(a),
the forward-cone microphone was under transitional flow and the aft-cone microphone was under fully developed
turbulent flow. In fig. 10(b), ‘he forward-cone microphone was under laminar flow and the aft-cone microphone
was under transitional flow. In all cases when the bdoundary layer was laminar or transitional, there was a broad
peak in the pressure-fluctuation spectra, similar to those shown in Fig. 10. The nondimensional frequency at
which the peak occurs is denoted by F in Fig. 10; the subscripts 1 and 2 refer to the forward- and aft-cone micro-
phones, respectively.

Power spectral densities recorded from several flights at the same nominal Mach numbers but at different
Reynolds numbers are shown in Fig. 11(a) and (b). The dominant feature in these cone boundary-layer spectra
is the peak, which decreases in frequency and increases in power as Rex increases at a given Me. Finally, at the

location near the end of transition, XT, the peak disappears into the smooth, broadband spectrum characteristic
of a turbulent boundary layer.

The spectral peaks appeared to exhibit a prescribed behavior in terms of the variation of absolute frequency
f with Me‘ as shown in Fig. 12 for a dynamic pressure of 14.4 kN/m2 (300 lb/ftz). The peak center-frequencies
increase as Me increases. A ratio of the frequencies fl/fz. when peaks occurred in the spectra from both micro-

phones at a given flight condition, was approximately the inverse of the ratio of the distance from the cone apex.
(xZ/L)/(xl/L). and therefore the inverse of the microphone Reynolds number, Rex /Rex . Hence, the peak

frequencies are functions of both Re, and M,. 2 !

0

The nondimensional peak center-frequencies are shown in Fig. 13, plotted as a function of (Re‘l_)o'5 ; they

show a clear dependence on Reynolds number and Mach number. The data agree well with recent calculations by
Mack, since his publication of Ref. 19 adjusted by the usual cone-planar similarity rule (where the Reynolds
number on a cone is 3 times that on a flat plate). The calculations by Mack are for the first-mode laminar insta-
bility, that is, Tollmien-Schlichting waves, and the calculations agree with the characteristics of the spectra; thus.
Tollmien-Schlichting waves are probably the cause of transition.

A reexamination of the wind-tunnel power spectral distributions after the flight test revealed indications of
Tollmien-Schlichting instabilities in two Langley wind tunnels, the 4- by 4-ft supersonic pressure tunnel and the
Unitary Plan Wind Tunnel, where the pressure fluctuation levels.,’ﬁ;z/q“. were the lowest measured. Microphone

spectra for the 4- by 4-ft supersonic pressure tunnel at Langley Research Center for a Mach number of 1.61 are
shown in Fig. 14. These data are either for a laminar or transitional boundary layer. Broad peaks in the spectra,

similar to those observed in flight, are evident for the forward microphone at Rex =4.41X 106 and at

Rex =4.26X% 106 for the aft microphone. !
2
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5.2 Flight Transition Reynolds Number

In preparation for the flight tests, the effect of incidence on transition location was determined in various
NASA wind tunnels (Fig. 15). Note that at small negative angles of attack, with the surface pitot probe on the
windward ray, the effect is small for Mach numbers between 0.6 and 2.2. The effect of sideslip can be signifi-
cant at angles greater than 0.25°,

During the flight tests, it was possible to control the temperature of the transition cone within 6% of the
adiabatic-wall temperature, Tuw' for about 90% of the test points, using the techniques described in Sec. 4.1

(Flight Test). Even this small deviation in temperature had a large influence on transition location, however, as
shown in Fig. 16. The data have been grouped by Mach number and nondimensionalized by the transition
Reynolds number corrected to adiabatic~wall temperature determined from fairings of the flight data for each
nominal Mach number. The sensitivity of transition Reynolds number to heat transfer appears to have been
essentially independent of Mach number and proportional to the temperature ratio Tw/T“w. The trend of the

data in Fig. 16 shows a strong heat-transfer influence on transition, delayed transition occurring when the
boundary layer was cooled (Tw/Taw < 1.0), earlier transition occurring when the boundary layer was heated

(Tw/Taw > 1.0). Also shown in Fig. 16 are data obtained during a rapid excursion of total temperature at
M = 1.2 in the 4-ft transonic (4T) wind tunnel at AEDC. These wind tunnel results show the same trend as the

flight data. According to the theoretical flat-plate e9 method from Ref. 20, the onset of transition at a Mach
number of 0,85 also follows the trend of the flight data. A curve was fitted through the flight data and used for
correcting nonadiabatic data to adiabatic conditions.

The end-of-transition Reynolds numbers measured in flight, corrected to adiabatic-wall temperatures, are
shown as functions of local Mach number in Fig. 17. This figure includes 82 test points (39 of which were
acquired at supersonic speeds) gathered from 27 flights over 2 1/2 months. The data form a nearly linear band
for both the end-of-transition and the onset-of-transition Reynolds numbers. Both were strong functions of Mach

number. End-of-transition Reynolds numbers ranged from about 3.5 X 106 at a Mach number of 0.5 to above
9.0X 106 T
are tabulated in Ref. 12, together with the corrected values of end-of-transition Reynolds number ReT. and

at Mach numbers above 1.6. Actual measurements of Xt. X ... and the corresponding flight conditions

onset-of-transition Reynolds number Rel. Figure 18 shows that the ratio of onset-of-transition Reynolds number

to end-of-transition Reynolds number is independent of Mach number and dynamic pressure and has a mean value
of 0.86. Most of the data are within 5% of this mean value.

Transition Reynolds number was plotted as a function of unit Reynolds number in Fig. 19 for nominal Mach
numbers to determine whether the present data had the unit Reynolds number effect shown for higher Mach
numbers in Refs. 11, 21, and 22. Even at Mach numbers at which there were substantial data over a wide range
of unit Reynolds numbers at adiabatic conditions, the data are inconclusive.

5.3 Flight Disturbance Environment

Naturally growing Tollmien-Schlichting waves can be detected only in a low-disturbance, free-stream environ-
ment. As shown by the overall pressure fluctuations from the free-stream impact microphone (Fig. 20), the level
of pressure fluctuations in the flight environment was very low. The pressure fluctuations in flight varied from
about 0.16% at the lower Mach numbers to 0.017% near Mach 2, when normalized by ti.2 free-stream dynamic
pressure q_. The different flags on the symbols, which denote flights made on different days, indicate the day-

to-day variations in the atmosphere. The pressure fluctuations do not seem to be dominated by engine noise,
although some discrete tones appeared randomly in the spectra, some of which may have come from the engine
inlets, fans, or compressors.

The cone surface static-pressure fluctuations in the boundary layer were sensed by the surface microphones
set flush in the cone. When the cone boundary layer was turbulent, the cone-surface microphones recorded
pressure fluctuations in the near-field turbulent boundary layer. When the boundary layer was transitional, the
amplification of the low end of the frequency spectrum during transition produced large overall values of indicated
pressure fluctuation. Only under laminar conditions could the cone-surface microphones measure pressure
fluctuations imposed from the free stream, and those measurements were altered by the laminar boundary -layer
receptivity. As the spectral data in Figs. 10 and 11 show . the laminar boundary layer selectively amplifies
certain frequencies in the spectrum, increasing some of the values sensed by the microphone.

The cone-surface static-pressure fluctuations in the laminar boundary layer JE;Z are shown normalized by
q_, in Fig. 21 as a function of Me‘ As shown, the laminar pressure fluctuations decrease with increasing M. A
comparison of Figs. 20 and 21 shows that at the highest Me the cone-surface pressure fluctuation is essentially

the same as the {ree-stream impact-pressure fluctuation. The differences between the cone-surface and free-
stream impact-pressure fluctuation amplitudes increase as Me decreases. As before. the different flags on the

symbols (Fig. 20) denote flights on different days to indicate day-to-day variations. The open symbols denote
data acquired with the semiconductor strain-gage-type microphones used at the higher Mach numbers and higher
temperatures. The solid symbols denote data acquired with condenser microphones like those used in most of the
wind tunnels. The data from both types of microphones agree well. The laminar and transitional spectra
measured by both sets of microphones had the same characteristics, verifying that the peaks were associated with
the boundary layer and that they were not anomalies introduced by the sensors.
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5.4 Correlation of Wind Tunnel and Flight Data

The wind tunnels used in these experiments were classified into four groups, based on their distinguishing
geometry:

Group 1: Slotted or solid-wall transonic and subsonic tunnels
Group 2: Perforated-wall transonic tunnels

Group 3: Two-dimensional-nozzle supersonic tunnels

Group 4: Sliding-block-nozzle supersonic tunnels

The pressure fluctuation levels measured under the laminar boundary layer on the cone from the wind tunnels
are shown in Fig. 22. Also shown is an envelope for the flight pressure fluctuation data from Fig. 21. The
dashed curve in Fig. 22 is a relationship from Lowson (Ref. 23) for estimating the pressure fluctuations at the
wall beneath an attached turbulent boundary layer. The microphones on the cone sense pressure fluctuations
from all sources, including the wind-tunnel walls. As shown in Fig. 22(a), essentially all the data from the lower
disturbance tunnels (groups 1, 3, and 4) are below this curve. However, the flow disturbance measured in the
lower disturbance tunnels was about twice that measured in flight. For the higher disturbance tunnels (group 2,
Fig. 22(b)), the flow disturbance is greater than Lowson's curve and approxisnately an order of magnitude greater
than the flight data.

The end-of-transition Reynolds number ReT is presented in Fig. 23 for the group 1, 3, and 4 wind tunnels.
The wind-tunnel data have been extrapolated for nominal unit Reynolds numbers of 6.6 X 106/m (2.0Xx 106/ft) ,
9.8x 105/m (3.0 10%/ft), and 13.1 x 10%/m (4.0 x 10%/ft). There is a 14% increase in Re... for unit Reynolds

numbers between 6.6 X 105/m (2.0 x 10/ft) and 13.1 x 105/m (4.0 x 10%/1t) at supersonic speeds in the wind
tunnels. The end-of-transition Reynolds numbers from the lower disturbance tunnels (groups 1, 3, and 4) agree
well with the flight data up to Me =1.2. Above Me = 1.2, the correlation deteriorates, and at Me = 1.6 the flight

ReT is 25% to 30% higher than the wind-tunnel ReT.

Fig. 24, there is a very poor correlation between wind-tunnel and flight end-of-transition Reynolds numbers.

For the higher disturbance tunnels (group 2), shown in

The onset-of-transition Reynolds numbers from the lower disturbance wind tunnels is shown in Fig. 25. The
flight data from Fig. 17(b) are shown by the envelope. At subsonic speeds, the data from the Naval Ship
Research and Development Center (NSR&DC) tunnel showed good correlation with the flight data. The onset-of-
transition Reynolds numbers from the Langley 16-ft transonic dynamics tunnel (NASA/Langley 16 TDT) were lower
than those of most of the flight data. Unfortunately, onset of transition from the several other lower disturbance
tunnels at transonic speed was either poorly defined by the surface pitot-pressure-probe technique or lost because
of poor pitot-probe contact with the cone surface.

The ratio of onset-of-transition Reynolds number to end-of-transition Reynolds numbers is shown in Fig. 26 for
the wind tunnels. The flight data are represented by the fairings. The wind-tunnel ratios of onset-of-transition to

end-of-transition Reynolds numbers are less than those in flight at unit Reynolds numbers of 6.6 X 106/m

(2.0 X 106/ft) and 9.8 X 106/m 3.0x 106/ft) between Mach numbers of 0.5 to 2.0. At a unit Reynolds number of
13.1X 106/m (4.0X 106/ft) the correlation between flight and wind tunnel data is much better. This unit Reynolds
number effect was not observed in flight, even though it covered approximately the same Reynolds number range.

The end-of-transition Reynolds number as a function of the flow disturbance levels from wind tunnel and flight
data are presented in Fig. 27. This figure includes data from all Mach numbers and unit Reynolds numbers. The
end-of-transition Reynolds number correlated within +20% with the surface fluctuating root-mean-square pressure
level according to the equation

=3
s|{ VP
q

[

-0.25

ReT=3.7X10 100

6.0 CONCLUDING REMARKS

Transition and fluctuating pressure data were acquired on a standard body (AEDC Transition Cone). using
the same instrumentation and technique over a wide range of Mach and Reynolds numbers in 23 wind tunnels and
in flight. The cone was held at near zero incidence and heat transfer. Transition was detected with a traversing
pitot-pressure probe in contact with the surface. The pressure fluctuations at the cone surface were measured
with microphones set flush in the cone surface.

There was good correlation between end-of-transition Reynolds numbers ReT obtained in the lower disturbance
wind tunnels and those obtained in flight, up to about Me =1.2. Above Me = 1.2, the correlation deteriorates, with
the flight ReT being 25% to 30% higher than the wind tunnel ReT at Me = 1.6. For the higher disturbance tunnels,
there was very poor correlation between tunnel and flight ReT. The end-of-transition Reynolds number correlated

within $+20% with the surface-fluctuating root-mean-square pressure level, according to the equation

= -0.25
Re... = 3.7x 105 | L2 100
T - q
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Broad peaks in the spectra indicated tnat Tollmien-Schlichting waves were the probable cause of transition
in flight and at least in some of the wind tuunnels. The flow disturbance measured beneath the laminar boundary
layer on the cone in the lower disturbance tunnels was about twice that measured in flight. In the higher dis-
turbance tunnels, it was approximately an order of magnitude greater than the flight data.

The flight data showed a strong heat-transfer influence on transition, a delayed transition occurring when
the boundary layer was cooled, and an earlier transition occurring when the boundary layer was heated.
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Figure 6. Transition cone being heated at end of runway before flight.
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Figure 17. Transition Reynolds number as a function of Mach number.
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function of local Mach number.
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Figure 26. Ratio of onset- to end-of-transition Reynolds number
from wind tunnels and comparison with flight data.
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EXPERIMENTAL INVESTIGATIONS OF TRANSPORT AIRCRAFT LOW SPEED ENGINE
INTERFERENCE EFFECTS AND FLIGHT TEST CORRELATION
by
B, Ewald and W. Burgsmuller
Vereinigte Flugtechnische Werke GmbH
D 2800 Bremen
Germany

SUMMARY

Recent transport aircraft development and flight testing clearly showed important engine airframe interference
effects for wing mounted engines, The tendency to reduced engine numbers - most large civil aircrafts developed
during the last decade were twin engined - results in a large effect of the one engine out second segment climb on
overall aircraft economy. Large development efforts are worthwhile to realize even small drog reductions in this con-
dition.

These development efforts are successful only if a true and reliable engine simulation method in fow speed wind
tunnel tests is available, Conventional methods like flow through nacelles, ejector simulators or blown nacelles are
inadequate. The most perfect engine simulator available today, the turbine powered simulator, TPS, was used in the
high speed regime only. Quite recently VFW developed the concept of low speed TPS testing and achieved satisfac-
tory results, The problem outlined up to here was presented in detail in Ref. 1.

Since this presentation a large number of TPS tests with different configurations was performed in the VFW wind
tunnel. The TPS has proven as a reliable and valuable experimental tool also in low speed range, provided that sophis=-
ticated data acquisition and evaluation techniques are used for optimum accuracy ond repeatability. Operating equip-
ment and test methods were improved. Results and experience ore described in this paper,

Several transport configurations and research configurations have been tested; results are presented together with
comparable flight test results. Comparisons with isolated engine test results show the importance of precise engine
interference tests,

The flight conditions, which are analyzed by such tests, are coupled with relatively large lift coefficients. So,
the flow conditions are close to separation; partial separation may exist already. Such flow conditions are sensitive to
Reynolds number effects, so the tests should be done at the largest available Reynolds number in order to achieve results
relevant to the full sccle condition. Efforts are made to increase the Reynolds number, compared with the 1.65 . 10
related to wing mean chord available in the VFW tunnel.

The Reynolds number available up to now in low speed TPS testing was limited by the maximum available TPS
size, roughly 5 inch fon diometer. To overcome this limitation, the development of larger TPS was initiated by VFW,

9.5 inch fan diameter simulators are developed by Tech Development Inc. for the "German-Netherlands Wind
Tunnel", These simulators TDI 1400 will be used with large transport models, the scole related to large civil transport
aircraft in == 1: 10, Installation of these engines into the model and the necessory equipment in the model is designed
and built by VFW; detoils on model and simulator installation design will be given in the paper.

Even larger Reynolds numbers are available from o 16 inch fan diameter TPS (type TDI 1410 ), which is in
development and fabrication for VFW. This simulator gives a scale of 1: 5.4 related to full scale large fan engines
and con be used with o large half model in the DNW or in the 51 MA for the high speed regime. !ts physical size
opens excellent possibilities for detailed nacelle-pylon-wing interference flow studies.

Another effective way to increase Reynolds number is the pressurization of the wind tunnel, With TPS tunnel
pressurization was not used up to now, since blade and bearing stress problems limited the tunnel pressure to atmos-
pheric level,

This limitation no longer exists with the 9.5 and 16 inch fon diameter simulators presented in the paper. Both
engines are qualified for use at up to 3 bars tunnel pressure. The models designed for the DNW can be used with
TPS in half model configuration ot the Fauga F1 tunnel at pressures up to 3 bars. This corresponds to @ mean chord
Reynolds number of about 8 . 106, so these tests will clarify the Reynolds number influence on engine interference,

LIST OF SYMBOLS

CD drag coefficient q dynamic pressure

CDi jet induced drag /8 inboard side

< pressure coefficient (p - Po Y/ q o/8 outboard side

c local wing chord MTO maximum toke off power
P local static pressure . TFN through flow nacelle
P freestream static pressure




1. INTRODUCTION

The strong commercial competition in the field of civil transport airplane development and fabrication not only
forces the aircraft manufacturers to realize any improvement inside the present boundaries of the state of the art but
even is the cause of efforts to extend these boundaries.

The efforts towards such new areas of improved technology normally have o two stage nature. In the first stoge
a technology area has to be identified where improvements are imaginable; in the second stage the improvement has
to be realized which in many cases raises the need for new and more sophisticated experimental or theoretical methods.

Since the day of Boeing 707 development, which was the first commercial aircraft with the standard wing mounted
engine position an important development potential was hidden in the aerodynamic interference between engine and
wing. Several percent of total drag may be lost or gained by favourable or unfavourable flow conditions in this field.
Since even today a theoretical approach has only small chances against the engine-wing configuration and the com-
plicated effects of inlet and jet flow, only sophisticated engine effect simulation in the wind tunnel enables the de-
velopment engineer to minimize unfavourable engine interference eftects,

The superior engine simulation method, the turbine powered simulator ( TPS ) was already invented more than
10 years ago and was used since then with good success for cruise configuration testing in transonic wind tunnels, On
the other side this technique was never used for testing of the low speed configuration. The reasons for this were:

. Engine interference effects were considered not to be very importont in the low speed flight regime.

. The relation between the large simulator thrust ( to be calibrated! ) and the small interference drag increments
{ to be evaluated! ) is much more unfavourable in the low speed flight region than in the case of cruise con-
dition in the transonic tunnel. So it is much more difficult to achive an accurate test result in low speed than
in high speed.

The situation was completely changed with the development of large high performance circraft with only two
engines. The one engine out climb performance affects the overall efficiency of aircrafts like this very sensitively.
So, a careful optimization of the second segment climb performance is imperative and soon it was discovered, that
also in this flight condition performance uncertainties of several percent may occur due to engine interference,

So, about 3 years ago, VFW begon - based on a governmental development program - to establish the TPS tech-
nique for low speed wind tunnel investigations (Ref. 1), Making use of this development and all the later governmen-
tal- and Airbus-funded tests, the additional evaluations, presented here, were derived.

2. THE VFW LOW SPEED TPS WIND TUNNEL TECHNIQUE

The basic test set~up in the VFW wind tunnel is shown in Fig. 1 ond Fig. 2. The VFW Low Speed Tunnel
test section size is 2.1 x 2,1 m4, the maximum speed is about 65 m/s. The model shown in Fig. 1 is a half model
of the Airbus A 300 B4, the model scale is 1: 16, The model is mounted to the overhead mechanical balance, which
is equipped with a force free air supply bridge.

The engine simulator used in this model js the TDI 441, designed and built by Tech Development Inc., Dayton,
Ohio. Fan diameter is 5 inches; Fig. 3 shows the simulator without cowling. The simulator is equipped with measuring
rakes behind the fan and behind the turbine which gather oll data necessary for thrust colibration and evaluation,

The thrust calibration is achieved by a simple static thrust measurement; the test set-up is shown in Fig. 4.
The concept of this colibration without the use of the conventional calibration tank is outlined in Ref. 1 and 2.

This test set-up is in operation since more than two years. A lot of tests have been done on various Airbus con-
figurations. During these tests and additional basic research work test set-up, calibration ond evaluation methods have
been improved continuously. Since the general ideo of fow speed TPS testing proved to be successful, a new generation
of engine simulators of various scale has been developed and partially already delivered, The aim of this poper is to
report on these improvements, some results and on the new simulator and test set~up technique.

3. IMPROVEMENTS OF TEST TECHNIQUE AND EVALUATION METHODS

Generally, it should be noted here, that tests with TPS engine simulation are not even cheap, because
. more staff is needed for the operation of the engine;

° additional energy is needed to drive the TPS ( for a low speed tunnel like at VFW, this is about twice the
energy which is necessary to produce the required tunnel speed );

. the high loaded bearings of the TPS must be changed in certain intervals to avoid a distruction of the system,

Due to this, it is necessary, to run these tests in an optimized manner and the shortest possible time. To enable this,

the following improvements of test technique, instrumentation and data evoluation system have been introduced at VFW:

. To overcome the problem of ice build-up on the outer and inner contours of the engine due to the very low
temperatures in the primary core (a consequence of the expansioh of the compressed drive air in the turbine ),
the dryer for the drive air was replaced by an improved system allowing longer testing periods. Further on,
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the cowls for the primary core which were made of aluminium alloy were provided with heating wires or
exchanged by pieces made of other materials ( phenolic resin or glass fibre plastics ). Further on, a purging
system was installed to keep the pressure tubes in primary core and the static orifices on the outer side of
the core cowl and plug free of ice and lubrication oil.

. During the first test periods, a manifolding system of pressure orifices wos used on the fon roke. Three orifices
on one radius (I/B or O/B-halfcircle ) each were connected to one scani port at the beginning (Fig. 5).
The disatvantage of that system was, that it was impossible to detect a leakage or blockage of a single orifice,

. Due to aerodynamic instabilities, oscillations of the tunnel balance and small thrust variations during the dota
acquisition time of one test point, a certain scatter bond of test results is unavoidable. To be able to draw o
mean line through the scattering data points, each point is gathered three times, before the test condition is
changed ( e.g. incidence angle ). To shorten the time for this procedure, each orifice of the TPS pressure-rakes
was connected to three different ports on one scanivalve (1 between port 1 and 16, a second between port 17
ond 32 and a third between port 33 ond 48 ). So, it is possible to registrate 3 dato points with oll pressure,
temperature and balance signals during one turnaround of the scanivalve.

. The pressures and temperatures, which are used for the TPS thrust calculation, are shown on an on-line display
in the tunnel control room. So, a failure in the data acquisition system can immediotely be seen and test points
can be repeated or - if necessary - a repair con be initiated.

. Additional TPS-dafa ( static pressures behind the fan ond turbine ) are registrated in order to have a better
control of the main data ond to have a back-up system for the thrust calculation, if necessory.

. Finally, several improvements of the computer programs have been made in order to occelerate the dato
reduction and test analysis,

The main results of the improvements mentioned above are

® acceleration of the tests
° minimization of the data scatter bond and
° acceleration of the test analysis,

4, SOME TEST RESULTS AND COMPARISON WITH FLIGHT TESTS
4.1 General

{n order to get as much informations as possible from the wind tunnel tests, al} ovailoble ond useful test methods
have been used, i. e,

° oilflow-visualizations on wing, pylon and engine

] force measurements

° measurements of static pressure distributions on wing and nacelle

. wake flow investigations behind the engine using a total pressure rake,

In the following sections, some characteristic results of these different test techniques and - as for as possible -
their comparison with flight test results will be shown. Most of the tests done so far at VFW were concentrating on
jet effects during take-off and second-segment climb of the aircraft, i. e. with one engine failed and one at MTO-
power, These tests proved os very useful to show the areas of power effects, to predict t..e magnitude of modifications |
in these areas and to compare the jet induced drag effects of different aircrafts under similar conditions. |

4.2 Oilflow visualizations !

A zone of major power effects found during 2nd segment climb investigations was the upper side of the fan cowl,
Fig. 6 shows the very small area of flow unsteadiness on the |/B side, while under Ground Idle conditions (Fig. 7)
- which would be a typical condition, if a through flow nacelle would be used - two zones of larger dimensions
i/8 and O/B of the pylon can be seen. ( This seems to be an area of interferences between fon and intake flow,
i. e, no other jet simulation thon a TPS would give the correct answers conceming drag changes. ) An other zone of
major jet effects are the 1/B and O/B-sides of the pylon, Fig. 8 and 9 show the behaviour during o wind tunnel test,

The very good agreement between the flow visualizations in the wind tunnel and the full scale A/C are shown
on Fig., 10 = 12, On Fig. 10 the cross flow over the pylon and the field of flow unsteodiness on the fan cowl at
MTO-power setting con be seen which is identicol with the model test (Fig. 6 ). The result of the W/T-test showing
the pylon flowfield is the some as on Fig. 11 and Fig. 12 for the A/C,

These examples show,

. that the TPS is useful to simulate o representative flowfield ond

. the use of other engine simulation techniques ( e.g. through flow nacelles or blown naocelles with blocked intakes )
moy lead to wrong predictions for the full scale aircraft,
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4.3 Force measurements

An example for the importonce of a proper jet simulation even in the low speed region is shown on Fig. 13,
The diagrom shows the drag differences due to a modification in the pylon nacelle area for engine conditions Wind-
mill, Ground Idle and MTO. Assuming, this test would hiave been done with o through flow nacelle only (mass flow
ratio nomally corresponding with TPS running ot Ground Idle ), it would hove been concluded, that the modification
were uneffective. g

The result with MTO-power simulation by a TPS however shows the contrary. So, taking into account the second
segment climb case with one engine running at MTO-power and one windmilling, the TPS-test leads to the prediction,
that the modification will have a favourable effect on drag. A corresponding flight test proved not only this tendency,
but also the amount of drag reduction was very similar,

An other important point is the prediction of jet induced drag effects for the second segment climb performonces.
To do this, at VFW the so-called "incremental"- or "delta"-method is used. This method says, that for similar aircraft
configurations the differences between wind tunnel- and flight test results will be more or less the same. Using this
method means, that, for example, the prediction of second segment jet interference drag for an A/C no. 2 can be
made by a comparison with the wind tunnel results of A/C no, 1. An example for this is given on Fig. 14, This
diagram shows the W/T-results of jet induced drag for the relevant lift coefficients and corresponding slat/flap settings
for A/C no. 1, whose relation to full scale results is known. The W/T-results for the new A/C no. 2 are also shown,
and the difference between these two sets of curves is used to predict the behaviour of A/C no. 2.

One more field for jet effects on drag is e. g. the influence of different engine configurations. Even here the

TPS-tests at VFW showed an agreement with full scale conditions, which could not be shown with other types of engine

simulation, neither with through flow nacelles nor with blown nacelles. It should be noted here however, that success-
ful force measurements with TPS engine simulators especially in the low speed region, where the engine thrust at
MTO-condition, which must be subtracted from the balance readings, is much higher than the aerodynamic drag forces,
can only be achieved, if the whole data acquisition and reduction system is built up on the basis of highest possible
accuracies. If this problem is solved however, no other engine simulation technique available today, gives more
realistic results,

4.4 Static pressure distributions

These tests, as well as flow visualizations and the woke flow measurements, described below, mainly were done
to get more details about the very complex flow field in the wing/pylon/nacelle region. Static pressure orifices were
located on the wing /8 and O/B of the pylon and on the nacelle. The focations are shown on Fig. 15.

A typical result for the jet influence on the wing pressure distribution is shown on Fig, 16. From this it can
be seen, that due to influence of the fan nozzle jet the static pressure on the wing I/s is increasing. This increase
is more pregnant on the O/B side of the pylon than on the |/B side. This result is astonishingly on the first view,
because one would expect, that the fon jet velocity is higher than the Mach number and correspondingly a suction
effect should exist leading to lower pressures under the wing. This mystery found ifs explanation in the results of the
wake flow measurements, described below, from which it can be seen, that the velocity of the fan jet close to the
pylon is much closer to tunnel velocity than expected. So, there is no suction due to the jet, while the massflow
in the wing/pylon/nacelle area is increasing with increasing engine thrust. These two effects together may indeed
lead to increasing pressures below the wing, as the test results show,

Fig. 17 gives an exomple of static pressures on the core cowl of the engine at MTO-power setting. This dio-
gram gives an impression of the influence of the fuselage and wing flowfield on the nacelle pressures. Comparing
the results for (=0 and 11° it can be seen, that with increasing angle the static pressures on the core cowl
I/B of the pylon are increasing, while those at O/B and on the bottom of the naceile are not influenced. From this
result the conclusion may be drawn, that the jet is not to be assumed as o fixed wall, like this is done if a socalled
"skirted" through flow nacelle is used. Summarizing the results of the static pressure measurements, it must be stated
as from the force measurements, that representative wing/pylon/nacefle interferences will not be got unless a proper
jet simulation is used.

4.5 Wake flow investigations

The wake flow investigations mainly were done, to get more detailed informations about the flowfield of the
model jet ond its behaviour under different conditions, such os changes due to

. variation of incidence ongle,
° different power settings,
. modifications of the nacelle geometry or
° increasing distance from the nozzle exit,
Comparing the TPS results with a real engine, it is to be noticed, that the temperature and hence the velocity

of the primary flow are much lower for the TPS (due to expansion of pressurized air in the turbine ), while the pres-
sure ratio of the primary nozzle is comparable to full scale. The more important point however is, that the TPS con
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completely simulate the fan flow (i. e. pressures, temperatures, velocities, mass flow and - to a certain distinct -
also swirl ), which is responsible for the interferences with wing, pylon and tailplane. So, the behaviour of the fan
flowfield of the TPS con also be used as on input for the development of theoretical 3-D - computer programs in-
cluding jet effects.

For the wakeflow investigations in the tunnel a rake with pitot pressure orifices was used. The length of the
rake was about 1.5 fan nozzle diometers. The position was in o plane normal to the engine axis (Fig. 18 ) and
moving from /B to O/B of the pylon, crossing the complete engine wake flow. If not other mentioned, the position
downstream of the fan exit was at about 3.2 fan nozzle diameters. Only for some tests, more backward positions
(about 5.2 and 7.2 D) were investigated ( Fig. 19). The following examples show the behaviour of the jet under
typical parametric variations, as mentioned above. Each diagrom shows the isobaric lines of total pressure ratios in
the measuring plone and the corresponding 3-D total pressure ratio mountain.

. The influence of incidence angle is to be seen from Fig. 20 ond 21 (& = 0 and 11°). The engine setting was
MTO in both cases. As already mentioned above, these diagrams show, that the jet velocity in vicinity of the
pylon is much lower thon on the opposite (or lower ) side, This effect is increasing with increasing incidence
angle, ond seems to be the explanation for the increasing pressures on the wing lower surface (see under 2.4

and Fig. 16). Further on, it can be seen from Fig. 21, that the |/B and O/B half of the jet are unsymmetrical.

This may have to do with swirl of the jet and hence could not be simulated with other jet simulation techniques,
available today.

° The power effect is demonstrated on Fig. 22 - 24 ( incidence angle zero ). The momentum loss behind the wind-
milling engine is clearly to be seen on Fig. 22, while Fig. 23 represents a flight idle condition and Fig. 24
stands for MTO-power, Please, note also the crater in the centre of the jet, representing the primary flow.

. An impression of the influence on the flowfield coming from engine core cowl geometry is to be seen by com-
paring Fig. 20 and 24, where the longer core cowl, represented in Fig. 24 leads to a more symmetrical wake
flowfield than the shorter one on Fig. 20.

. To get some informations about the decay of the flowfield with increasing distance, Fig. 24 - 26 show the
results for distonces of about 3.2/ 5.2/ 7.2 fan nozzle diometers downstreom (X = 0, power setting MTO ).

These diagrams show, that - except for the well known increasing size of the flowfield ond the decaying pressure
ratio - at a position where the tailplane may be located, the mixing of fan and primary flow has resulted in o flow-
field showing no more unsymmetries, neither due to the pylon nor due to the lower pressures of the primary flow.

5. NEW TPS TESTING TECHNIQUE DEVELOPMENT

5.1 Low Speed TPS Testing in DNW

To overcome the disadvantage of low Reynolds number ond lacking asymmetric effects as mentioned above, the
concept of complete model TPS testing in the DNW ( German/Dutch Low Speed Tunnel ) was developed. The typical
model scale of Airbus type aircraft in this tunnel is about 1: 10, Fig. 27 shows the tail sting installation of an
A 300 B4 model in the 6 x 8 m2 test section of this tunnel.

For this model turbine driven simulators have been developed and delivered to DNW by TDI. Fig. 28 shows o
sectionol drawing of this unit, which represents o new TPS generation, The scale related to the General Electric
CF&-50C is 1:9.5 this gives a fon diameter of 9 inches. Compared with earlier TPS design the main progresses of
this engine are:

. High performonce single stage fan; maximum fan pressure ratio is 1.7.
. Closed circuit bearing lubrication system; this minimizes the problem of frozen oil clogging the measuring rakes,
. Low overall fength / diometer ratio; this simplifies the design of model scale cowlings around the simulator.

These units will be used for complete model tests in the DNW. Fig. 29 shows the design of the complete simulator
nacelle and pylon. The simulator itself and the nacelle parts in various stages of assembly are shown in Fig, 30, 31
and 32, Aport from the intemnal insirumentation rokes the cowling and the pylon is instrumented with pressure distri-
bution,

The complete Airbus model, the TPS-cowlings, pylons, the internal instrumentation and the intemal air duct
system were designed and built by VFW under controcts of the German Ministry of Research and Technology. The tests
in DNW start with a reference test phase conceming the A 300 B4 configuration to prove the test technique and the
equipment, The model will be mounted with the internal strain gaoge balance on the tail sting. The internal balance
is bridged by a force free air supply with separate feedlines to both simulators,

The TPS nacelles are calibrated in the brond-new NLR calibration tank at the Northeastpolder. This tonk closely
follows the Boeing calibration tank philosophy ond was especially designed ond built for engines of this size ond type.
The calibration process started in August 1982; the facility proved to be very successful ond gave accurate results,
Fig. 33 shows the TPS in the colibration facility.




For the first time in the history of engine interference research this model will allow to simulate true second
segment climb conditions with asymmetric flow and thrust conditions and at the same time the model scale will give
a reasonably high Reynolds number, Together with the additional possibilities of DNW, e, g. moving belt ground
simulation ond real time ground approximation this model will launch a new era of low speed testing.

5.2 Pressurized TPS Testing

A most effective way to increase the Reynolds number is to pressurize the wind tunnel. This has not been
: possible with TPS operation up to now because the simulators were unable to withstand the high loads in o pressurized
} tunnel,

The new generation of simulators designed by TDI for DNW and VFW no longer have these limitations, Casings,
blades and bearings are stressed for operation under @ 3 bar environment. Together with the dimensions of the DNW
Airbus model this gives a mean chord Reynolds number of 8 . 106, 1t is planned to use one half of this model for
a TPS half model test set-up in the pressurized low speed tunnel ONERA F1 at Toulouse as soon as the necessary
drive air facility is available at that tunnel. The DNW model is already prepared to be used as a half model and
is stressed for the 3 bar environment, This test set-up will allow to study Reynolds number influence on the inter-
ference phaenomena over a wide range and so we will get a knowledge about the necessary Reynolds number for
future engine interference studies.

With respect to these tests a very important problem has to be solved. Necessarily there will be a marked effect
of pressure level, i. e, Reynolds number on the TPS calibration, so calibration over the total pressure range is neces-
sary. Up to now no calibration facility is existing for this purpose; one would need something like o pressurized cali-
bration tank. Possibly a concept may be successful which uses a Mach number range calibration from a stondord coli-
bration tank together with a Reynolds number extropolation derived from static thrust calibrations in the pressurized
wind tunnel.

5.3 New TPS development-_

The development of the new generation 9 inch simulators for DNW allowed simulators of other sizes to be derived
from this advanced design. At the present time two very different simulators are under fabrication at TDI for VFW. An
advanced small simulator with 5 inch fan diameter will be delivered early in 1983. This TPS allows the simulation of
large bypass ratio turbofan engines like the GE CF6-80C ot a scale of about 1: 18 which is a very convenient half
model scale for the VFW low speed tunnel and for high speed testing in some transonic tunnels as well, This TPS is
very closely built to the DNW TPS design (see Fig. 29 ) and hos the same high performance single stoge fan with
1.7 pressure ratio.

The second simulator, which is under fabrication for VFW, has the remarkable scale of about 1: 6 related to
the GE CF6-80C; the fan diameter is 16 inches. Fig. 34 shows the simulator ready for acceptance tests. This engine
certainly is not a toy; the power transmitted by the shaft to the fan is more than 1000 HP. Again the design is very
similor to Fig. 28,

This engine will be used together with a large half model, which was already tested in the Modane S1 tunnel
in the past. Fig. 35 shows this model in the tunnel ONERA 51 MA with a through flow nacelle. This model allows
to do basic engine interference studies in great detail and large Reynolds number. Also very realistic thrust reserver
studies are possible. For more information on this model see Ref. 3.

Both engines, the 5 inch as well as the 16 inch, hove the capability to be operated in a pressurized environment
up to three bars. A special utilization of the large 16 inch simulator will be intaka tests in pressurized tunnels. This
utilization allows intake Reynolds number pretty close to full scale and the realistic presence of an operating fan.
Recent research (Ref. 4) has shown thot the presence of an operating fan has an important effect on the intake flow,
so the simple intake test set-up with a suction line gives different results.

6. CONCLUSIONS

The work done by VFW in the field of low speed TPS testing up to now leeds to the following conclusions:

. Low Speed engine interference testing is necessary, because interference drag dependent on the configuration
are existing, which offect the second segment climb performance ond can not be neglected.

. The simulation of high bypass ratio jet engines by TPS in low speed wind tunnel testing gives reliable results.
If tests are done with the necessary accuracy, the repeatability of the drag measurement ( including calibration
errors ) is inside + 4 drag counts for an Airbus half model in the VFW tunnel.

o During several test compaignsin the VFW Low Speed Tunnel the test technique proved to be very useful
- to describe the influence of power setting on the flow field in the region of nacelle, pylon ond wing;
= to predict the influence of modifications on A/C drag and
- to compare different A/C conceming their jet induced drag effects,




Independent from engine airfrome interference the external flow around the engine has an effect on the engine
thrust which is calibrated under static conditions.

In some cases a predominant part of the engine-airframe irterference offects the nacelle itself. So,test set-ups,
where the nacelle forces are not weighed, are not suitable for low speed engine airframe interference tests.

Good agreement was observed between wind tunnel and flight test with regard to the tendency of interference

effects. In some coses the wind tunnel test resulted in smaller interference drag volues than the flight test.

Possible causes may be:

- Low wind tunnel Reynolds number.

- Asymmetric full scale effects (angle of yaw, rudder deflections ) of second segnent climb condition are
not existing in half model wind tunnel test,

- Accuracy of flight test.

Further on, the half model test technique is well suited for the general predevelopment and development work, The
complete model test technique adopted for the DNW allows a realistic simulation of the second segment climb condi-
tion and gives more size for better Reynolds number.

The development of advanced TPS for operation in a pressurized environment up to 3 bars allows a full evalua-
tion of Reynolds number influence on engine interference.

The fabrication of the 16 inch TPS allows a half model test set-up for detailed engine interference flow studies
and realistic intoke tests with Reynolds numbers close to full scale,
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FIG, T:

Low Speed Half Model with TPS
(Scale 1:16)

FIG. 2:

TPS Nacelle

FIG. 4:

Static Thrust Calibration of TPS
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FIG. 6: Oilflow on Fan Cowl u/s at MTO-Power Cond.
(W/T-Test ) (W/T-Test )

FIG. 8: Oilflow on |/B-Side of the Pylon,
MTO-Power Condition
(W/T-Test)

FIG. 9: Oilflow on I/B=Side of the Pylon, Windmill Cond.
(W/T=Test )

FIG. 11: Flight Test with Tufts on |/B-Side of Pylon
{ MTO-Power Condition )

t FIG. 10: Flight Test with Tufts on |/B-Side of Fan and Pylon
( { MTO-Power Condition )

FIG. 7: Oilflow on Fan Cowl u/s at Ground-Idle Power Cond.
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FIG. 12:

Flight Test with Tufts on |/B-Side of Pylon
( Windmill Condition )
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FIG. 14: Comparison of Jet Induced Drag for Simitar A/C-Configurations
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FIG. 15: Pressure Points on Wing and Nacelle for W/T-test
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FIG. 30: TPS with Cowlings for DNW Model

FIG. 27: A 300-B4 Model in DNW (Scole 1:9,5)
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COMPARISON OF PREDICTION, WIND TUNNEL AND FLIGHT
TEST DATA FOR THE CANADAIR CHALLENCER TURBOFAN AIRCRAFT

By: Fotis Mavriplis

Canadair Limited
Montreal, Canada

SUMMARY

Results obtained by theoretical aerodynamic methods, wind tunnel test and flight test .« i csented for the
Challenger aircraft which features an advanced supercritical wing, a wide body and .. ,¢ att ounted nacelles
These results are of interest as they represent one of the first application: 7t .ameson's isolated wing

tull potential flow transonic rethod to advanced wing design for an aircraft .nmich is now in strvive.

The technigues used to obtain wind tunnel force and pressure distribution data at high speed ang Cleox
at low speed are described. A flight wing pressure survey which provided data tor corpari-on .ith ing Laise!
test results is also described.

data

Correlations of pressure distributions between theory and wind tunnel test are presented to i9¢icate Lhe

capabi lities and limitations of the isolated wing transonic code. A =modified version of this code Lo includ
the body effect shows good correlation with experiment. Wing pressure and spanwise load distributions ‘ro
flight test correlate well with correspanding data from wind tunnel teste.  Flight test results on (e,

and buffet onset boundary correlate also well with predictions based on wind tunne! data.  Based on tne

above results, recommendations are made with respect to Reynolds Number and transition fixing for Lind tunnc!
testing of supercritical wings in order to obtain good correlation with flight teat.

1. INTRODUCT{ON

Before dealing with the actual subject of this paper, it is only appropriate to describe briefty the ain
features of the Challenger (Figure 1) and highlight the areas that required particular attention during th
development of the aircraft

The Canadair Challenger is a turbofan business aircrafit of 40,400 1b (18,325 kg) take-off weight, capable
of inter-continental flight at high subsonic cruise speeds., [ts main aerodynamic features are: a rear-
loaded supercritical wing, a wide-bodied fuselage, large diareter engine nacelles rounted on the rear
fuselage above the wing trailing edge and a T-tail empennage configuration.

The combination of a supercritical wing with high by-pass turbofan engines provides the basis for a ‘uel
efficient cruise at supercritical Mach Numbers. The wide-bodied fuselage was chosen in order to provide,
for the first time, a comfortable cabin environment for executive air travel.

From the viewpoint of aerodynamic efficiency both the wide-bodied fuselage and the bulky rear mounted
nacelles of the high by-pass turbofans are not desirable features. The proper integration of these ~ajor
components with the wing to provide an acceptable configuration for high subsonic cruise was a challenging
aerodynamic problem which required particular attention.

At the time the Challenger was conceived, supercritical wing technology was relatively new and there was no
information available at Canadair on its application to flying aircraft. There were various transonic codes
available which could be used to design airfoil sections but the 3-D transonic codes were limited in various
ways and were not proven experimentally. Therefore before proceeding with the development of the Challenaer,
it was necessary to show experimentally that (a) the new methods could be applied with confidence to desian

a supercritical wing and (b) an acceptable wing-body-nacelle configuration for cruise performance could be
defined within a relatively short time by wind tunnel testing.

In this paper some of the methods and techniques used for the development of the Challenger will be discusscd
and data will be presented to show the degree of correlation between prediction,wind tunnel, and flight test
resul ts.

2. WIND TUNNEL TESTING

Wind tunnel testing played a significant role in the development of the Challenger. Specifically the decision
to go ahead with the program depended primarily on the successful outcome of one transonic wind tunne! test
at the end of a seven-month preliminary study.

The purpose of this test was to verify experimentally the wing design approach which was based on the new
transonic codes and to show that fuselage and nacelle interference effects were manageable. The test was
conducted at the NAE 5 x 5 foot Trisonic Tunnel in Ottawa using a 0.04 scale mode! in 80 hours of testing.
Figure 2 shows a photograph of an oil flow visualization from that test at Mach Number 0.85. B8y using
natural transition and a Reynolds Number of 5 million, it was possible to obtain a realistic picture of the
flow situation in flight.

Figure 3 shows wind tunnel test hours accumulated since the start of the preliminary study relative to
some program mi lestones. After program go-ahead there were two significant phases of wind tunnel testing.

The first phase provided sufficient data to enable fixing of the aerodynamic configuration within six months
from program go-ahead. ©During this phase several winqg designs, empennage confiqurations and nacelle/pylon
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positions were tested with the 0.04 scale mode) at high speed and with a 0.08 scale model at low speed.
In addition, the flap and spoiler system was developed and optimized using a 20 low-speed model.

The second phase provided all the necessary data for performance, design of flight control system, handling
qualities and definition of structural loads for the final configuration. These tests were done with a 0.07
scale high-speed model at the Rockwell Trisonic and a0.08 scale rodel at the NAE 6 » 9 tool Low Speed Tunnel.

All wind tunnel tests were completed before the first flight in less than two years logging a total of about
2,000 hours of testing.

3. CORRELATION OF WING PRESSURE DISTRIBUTIONS
3.1 Wind Tunnel Test Technique

Two of the main objectives of the wind tunnel test program were to obtain first,reliable data for drag
estimation, and second, detailed pressure distributions, at supercritical flow conditions.

The pressure distribution data were required for the derivation of structural loads and for substantiating
the flight loads at high speed for certification purposes. The latter requirement was indicated by Transport
Canada early in the program since the Challenger was the first airplane with a supercritical wing seeking
certification. The experimental pressure distributions were also required as feedback information to

check the transonic code FLO 22 used for designing the wing, and to interpret the body and nacelle inter-
ference effects on aerodynamic performance.

for the acquisition of drag data, it was decided to use the highest possible Reynolds Number with transition
fixed on all major components except on the wing where transition was allowed to occur naturally. By using a
0.07 scale mode), a series of tests was conducted at the Rockwell 7 x 7 foot Trisonic Wind Tunnel at Reynolds
Numbers of 6.7 miltion, 5.1 million and 3.75 million per mean aerodynamic chord. The airplane drag for
flight at the design cruise condition (M = 0.8, C_ = 0.5) was then obtained by extrapolating the wind tunnel
data to a full scale Reynolds Number of 9.3 million and correcting for laminar areas due to the difference

in transition location.

Figure 4 shows the 0.07 scale Challenger model installed in the Rockwell Trisonic Tunnel facility. The
mode! wing was made out of hardened steel and was designed to achieve in the tunnel the same spanwise twist
distribution as the aircraft in level flioht, when tested at the design cruise condition. The left side of
the wing was plotted with 210 static pressure orifices so as to provide detailed chordwise pressure distri-
butions at six wing sections along the span.

For the pressure measurements it was necessary to use a lower Reynolds Number than 6.7 million not only for
increasing the efficiency of data acquisition but also because Rockwell was threatened with a law suit by
its neighbours for disturbing the peace with a noisy tunnel operation. As described in the next paragraphs,
a Reynolds Number of 3,75 million was selected after a series of comparative tests at Reynolds Numbers of
3.75 million and 5.1 million including flow visualizations and tests with fixed transition.

3.2 Effect of Reynolds Number and Transition Trip

Figures 5 and 6 show the effect of changinn Reynolds Number from 3.75 million to 5.1 million with free
transition, on the pressure distributions o1 four streamwise wing sections along the span at Mach Numbers
of 0.8 and 0.85 respectively.

It can be seen that at Mach Number of 0.8, increasing the Reynolds Number from 3.7 million to 5.1 million
had no noticeable effect on the wing pressure distributions and therefore no effect on spanwise loading.
At Mach Number of 0.85, however, there is a noticeable effect only at the 85 percent span wing station.
The shock appears to have shifted forward by a length of 8 percent chord causing a reduction in load over
the outboard wing. This effect was considerably smaller at a lower lift coefficient corresponding to the
high speed cruise condition.

In order to test the effect of transition trip on draqg and pressure distribution, flow visualizations were first
made at a Reynolds Number of 3.75 miliion to determine the extent of the laminar flow regions and their
relative location to the shock wave. These tests showed that natural transition from laminar to turbulent
flow at a Reynolds Number of 3.75 million occurred a fair distance ahead of the shock at high Mach Numbers.
Using these flow visualizations as a guide, a transition trip was then placed on the wing upper surface at

a distance of about 10 to 13 percent chord length forward of the shock. No trip was placed on the bottom
surface because the flow visualization showed that transition was fixed at about 4 percent chord aft of the
leading edge due to a coverplate joint extending from inboard to the 90 percent semispan station. The trip
was a 0.1 inch (2.54 mm) wide band of 0.0032 inch (0.08 mm) diameter glass beads, based on the method of
Braslow (Ref. 1).

The results from these tests are shown in Figures 7 and 8 as trip-no-trip comparisons of pressure distri-
butions at a Reynolds Number of 3.75 million at Mach Numbers of 0.8 and 0.85 respectively.

Figure 7, shows that at Mach Number of 0.8 the transition trip had no noticeable effect on the pressure
distribution and therefore no effect on spanwise loading. Fiqure 8, shows that a Mach Number of 0.85 the
effect of transition trip was similar to that of increasing the Reynolds Number from 3.75 million to

5.1 million. Only over the 85 percent semispan station does the shock appear to have shifted forward by an
8 percent chord length.

Based on the above results a Reynolds Number of 3.75 million was selected with natural transition on the
wing for all subsequent pressure measurements.
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3.3 Wind Tunnel - Theory Correlations
3.3.1 Body Effect

The Challenger wing was designed with the aid of Jameson transonic wing computer code FLO 22 (Ref. 2 & 3).
This method solves the full potential transonic equation in non-conservative form for an isolated wing of
arbitrary thickness, twist and camber distributions and dihedral.

The first correlations of FLO 22 results with experimental pressure distributions for the Challenger wing/
fuselage configuration were quite di<ippointing. There was poor correlation at the inboard wing stations

at Mach Number 0.7 and also at the outboard stations at higher Mach Numbers. In order to provide an answer
to this problem, FLO 22 was first checked with WBAERD, an jnviscid subsonic panel method which can handle
arbitrary complete aircraft configurations. Figure 9 shows the geometry that can be specified for WBAERD
analysis.

Correlations of WBAERO with FLO 22 for an isolated wing, as used in FLO 22, at Mach Number 0.7 appearcd to
be in good agreement., WBAERO correlated also well with the wind tunnel data at the inboard wing stations

at Mach 0.7 when the fuselage and fairing geometry were represented. it became clear thceretore that the
poor correlation betyueen wind tunnel data and FLO 22 was mainly due 1o an inadequate representation of g
tuselage and tairing in FLO 22.

An improved transonic method for analyzing the wing in combination with a wide-body like that of the
Challenger was developed at Canadair as an extension of Jameson's FLO 22 incorporating the body effects.

The method is based on the calculation of the flow angle on a vertical place through the wing/hody junction
by using WBAERD tor the exact wing + body + fairing geometry. This flow angle s then usea as o perturtation
of the flow in the Jameson rethod simulating the body + fairing at the root scctiun plane.

Figure 10 shows comparisons of calculated pressure distributions with wind tunnel data from Rockwell tests

at Mach Nurber of 0.82 and an angle of attack of 1.5 degrees for two inboard and three outboard wing stations
1t can be seen that the correlation of FLO 22 with experiment is poor especially at the inboard stations.

On the other hand, the results of the new method incorporating the body effect correlate much better with

the experimental data. From these data the effect of the fuselage and fairing appears to be particularly
strong at the root and appears to extend to the tip.

3.3.2 Nacelle Effect

The effect of body mounted nacelles on wing pressure distributions is more complex than that of the body.
To understand this effect requires both methodical wind tunnel testing and analysis with methods that can
calculate the flow aver complete aircraft configurations.

At subcritical flow conditions the nacelle effect can be calculuivd Ly using a panel method like WBAERO.
Figure 11 shows spanwise wing loadings from WBAERO and wind tunnc! ri s.ure integrations for configurations
with and without nacelles at Mach 0.7. It can be seen that WBAERD precic.. « !l the nacelle effect which
appears as a reduction of spanwise loading at the inboard wing and an increase «f loading vutboard.

A transonic method that can calculate the effect of nacelle interference at supercritical flow conditions
has recently been developed based on small disturbance theory (Ref. 4). An exact transonic potential flow
method like Jameson's to handle wing-body-nacelle configurations is still to be developed.

For the Challenger the effect of nacelle at supercritical speeds was obtained through wind tunnel testing.

Figure 12 (a) shows experimental wing pressure distributions for wing/body alone and complete aircraft con-
figuration at Mach Number of 0.8 and constant angle of attack. The effect of the nacelle appears as a
considerable loss of 1ift and a forward shift of the shock wave, and extends over the entire wing span.

Figure 12 (b) shows the nacelle effect at constant Iift coefficient. (t should be noted that an increase
in angle of attack of 1.25 degrees was required to restore the loss in overall 1ift due to the nacelles in
this case. The effect is shown as an increase in shock strength across the entire span for the nacelles-on
configuration, a forward shift in shock location over most of the wing, and a rearward shift over the out-
board 25 percent of wing span. In addition there is a shift in spanwise loading from inboard to outboard
similar to but more pronounced than the effect at Mach 0.7 shown in Figure 11. The overall result of this
effect is a loss in performance.

It is obvious that fuselage mounted nacelles dominate the performance of the inner wing and must therefore
be also taken into account in the design of a wing.

In an effort to modify the inner wing to compensate for the nacelle effect, it was discovered that one
cannot apply the rule, that "a wing-body combination that performs well by itself will also perform well
in the presence of the nacelles'. On the contrary, the modified wing that showed improved performance in
the presence of the nacelles was worse than the original one when tested as a wing-body alone.

3.4 Flight Wing Pressure Survey
Two flight wing pressure surveys were conducted to collect data for comparison with wind tunnel test results.

The first survey was required for certification purposes to confirm the loads of the Challenger supercritical
wing in flight, which were based on wind tunnel tests. The sccond pressure survey was conducted as part of
an in-house deve lopment program after the aircraft was certified. |In both those flight tests, chordwise
pressure distributions were measured with an external flexible tubing and scanivalve installation as shown

in Figure 13.




The first test using aircraft no. 3, provided pressure neasurerents at only three spanwise locations on the
outboard wing. For the second test using aircraft no. 9, two nore spanwise locations for pressure measurc-
meiits were added at the inboard wing.

At each spanwise station a bank of plastic tubing of 0.096 inch (2.44 mm) inside diameter and 0.1875 inch
(4.76 mm) outside diameter was installed on the upper and lower surface. There was one pressure orifice
per tube, each spanwise station having a total of 33 orifices (tubes) on aircraft no. 3 and 20 orifices
(tubes) on aircraft 9. The chordwise and spanwise pressure orifice locations on the aircraft were the sare
as on the wind tunnel model to permit direct comparison between flight and wind tunnel results.

Each bank of tubes was secured on the wing surface by means of a double-sided sticky tape after first
covering the wing surface with an aluminum tape as shown in Section A-A of Figure 13. A sealant was used
for aerod.namic fairing. The purpose of the aluminum tape was to provide quick and clean removal of the
tubing after the test.

Three scanivalves were used on aircraft no. 3 and four on aircraft no. 9, each fitted with differential
pressure transducers, to measure the wing pressures. The scanivalves were operated at 8 ports per second
with one complete cycle of all 48 ports per scanivalve requiring 6 seconds.

In order to obtain an accurate measurement of the static pressure, aircraft no. 3 was fitted with a trailing
cone system measuring the static pressure 124 ft. (38 m) behind the aircraft. Total pressure was provided
by a nose boom mounted pitot-static system. The trailing cone static was used as a reference pressure on
the scanivalves. On aircraft no. 9, the pilot's static was used as a reference pressure after the pilot's
pitot-static system had been calibrated by Pacer and tower flyby tests.

Figure 14, 15 and 16 show photographs of the flexible tube installation on aircraft no. 3. Figure 14 shows
the installation on the upper surface of the port wing. Figure 15 shows a close~up view of the outboard
wing station at mid span of the aileron. Figure 16 shows the installation on the lower surface at the break
of the wing.

The flight test points included at least three 1ift coefficients at each of Mach Numbers 0.7, 0.8 and 0.85,
for which wind tunnel data were available.

3.5 Flight ~ Wind Tunnel Correlations

Both flight wing pressure surveys provided similar results. In this paper, only results from the second
survey (aircraft no. 9) are presented because they include both the inboard and outhoard wing.

Figure 17 shows a comparison of wing chordwise pressure distributions from flight and wind tunnel test at
Mach 0.8 and a cruise lift coefficient at about 0.42. The wind tunnel test data were taken at a Reynolds
Number of 3.77 million per mean aerodynamic chord with free transition on the wing. The flight Reynolds
Number was about 12 million.

It can be seen that the flight test pressure distributions correlate well with the corresponding data from
wind tunnel tests. There are however some noticeable dijfferences at the root section (» = 0.!35}and mid-
aileron section {n = 0.85).

The irregular behaviour of the wind tunnel data near the leading edge of the root was found to be caused by
mode ) construction irregularities. Notice that the aircraft data in the sarme area are smooth. The higher
suction peak of the flight test data near the leading edge of the mid-aileron section (* = 0.85) is due to
a poor fairing of the external tubing installation. Finally, the slichtly lower load on the aft part of
the mid-aileron section is believed to have been caused by a 2 degree upward aileron deflection which was
required to trim the aircraft during that flight.

An interesting result of these tests is a slightly more aft position of the shock wave in flight, indicating
an improvement in aerodynamic performance relative to the wind tunnel data. This may be due to the fact
that the model did not achieve the design twist distribution when tested at a Reynolds Number of 3.77 mitlion.

Figure 18 shows a comparison between flight and wind tunnel spanwise loading distributions obtained by the
integration of respective chordwise pressure distributions at Mach Number of 0.7 and 0.8, and | of 0.51

and 0.42 respectively. There is very good agreement between flight and wind tunnel data except at the root
and mid-aileron stations where the disagreements reflect the differences in the test confiqurations discussed
above.

b, CLmax CORRELATIONS
4.l High Lift System Design

The design of the high-1ift system was one of the earliest tasks. The objectives were to meet the required
take-off and landing performance with a simple flap system and no leading edge device. The available space
for a flap was a 27-percent chord trailing edge outboard and an average of 2l-percent chord inboard.

A double-slotted flap with a fixed vane and slot was chosen for the outboard wing and an expanding tyvpe of
vane-and-flap system inboard to increase the flap chord. The flaps were rotating around an external hinge.
Figure 19 shows a cross-section of the outboard flap in cruise, take-off and landing positions together
with the spoiler in the down position. At take-off it operates like a 20 percent chord single slotted flap.

The 2-D design and optimization of the flap and vane.including their relative position and gaps and overlaps
for take-off and landing, were accomplished with the aid of MDRAG, a 2-0 multi-element airfoil code developed
at Canadair., MDRAG is a potential flow method combined with a boundary layer program. The potential {low
method is based on the representation of the airfoil profiles by flat elements of constant vorticity
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distribution. A detailed description of the potential flow method is included in Ref. 5 and 6. The progran
provides the potential flow pressure distribution, the corrected lift coefficient due to boundary layer
including small areas of separation, the drag coefficient and the t-ansition and separation points. From
separation point location versus angle of attack plots, one can estimate the angle at which stall occurs

and therefore also the 2-D CLmax' by using as a criterion a sudden change in torard coverent of the
separation point.

The estimated 2-D Cy,, was then used as a basis in conjunction with DATCOM methods for the initial esticate
of the full scale 3-D Clmax-

A 2-D test was conducted at the NAE 6 x 9 foot Low Speed Tunnel using the Canadair 2-D Blowing Wall Facilit..
This facitity, described in detail in Ref. 4, was designed to provide true 2-D test data for high 1ify
systems. The purpose of this test was to verify theoretical 2-D flap design and to obtain data on spoiler
characteristics. A total of only 80 hours of testing was used for these tests.

4.2  2-D Theory - Wind Tunnel Correlation

Figure 20 shows a comparison of the potential flow pressure distribution with 2-D wind tunnel data for 45
flap deflection near Cimax. It can be seen that in spite of the small separation arca {5 percent chord) at
the flap trailing edge, the potential flow pressure distribution follows the viscous pressure distritution
at somewhat lower level of suction on the top surfaces. The difference between theoretical and experiwntal
data represents the effect of a thick boundary layer on thesc surfaces.

Figure 21 shows a comparison between theoretical and experimental data of 2-D 1ift coefficient versus anale
of attack and Cimax Predictions based on theoretical separation point location. Again, the prediction
appears to be very good.

Because of the good agreement between 2-D theory and test, the initial estimate of full scale Clmgx remaincd
unchanged.

4.3 3-D High Lift Wind Tunnel Tests

The 3-D high 1ift wind tunnel tests were carried out with a 0.08 scale Challenger mode! at the NAE 6 x 9 foot
low speed tunnel. |t was realized from the beginning that this combination of scale and tunnel involved a
risk due to a very low Reynolds Number but there was no alternative of using a larger tunnel and model at
thot time. The actual conditions were a Reynolds Number of 1.16 million per mean aerodynamic chord at Mach
Number of 0.27. The flap-vane Reynolds Number under these conditions was below 100,000.

The initial tests conducted with a conventional transition trip showed a lower Clg,, than predicted for the
test conditions, and stalling of the flap at 45 degree deflection. The stalling of the flap at 45 degrees
was assumed to be due to the very Reynolds Number of the vane, but there was no proof of it until flight
testing.

An explanation for the low CL, .. performance was found by testing the cruise configuration at Rockwell at a
Reynolds Number of 2.16 million and a Mach Number of about 0.25. At these conditions Clna, was as expected.

An examination of Rockwell pressure distributions near the stall revealed that the problem at NAE was one of
shock induced separation of the laminar boundary layer at the leading edge. Due to the blunt leading edge
of the supercritical wing the pressure peaks occured forward of one percent chord with transition takiny
place at about one percent chord. At about mid-span of the wing leading edge, the local velocities became
supercritical at a test Mach Number of 0.27 at NAE terminating with a shock that interfered with the laminar
separation bubble causing it to spread over the outboard wing. This did not happen at Rockwell because at
Mach 0.25 the flow was just about critical and the Reynolds Number sufficiently high to reduce the size of
the bubble, thus allowing a higher angle of attack and Clmax to be achieved.

Based on the results of this investigation, the location of the upper surface transition trip for the NAE
tests was moved forward from the 5-percent chord location and just below the leading edge (i.e. betwcen
stagnation point and pressure peak locations at high lifts). The lower surface trip was moved to 15 percent
chord. With this trip configuration, chax increased by 0.2 over the initial test values.

The full scale |-g Cr,, was then obtained by applying corrections for Reynolds Number and Mach Number, based
on DATCOM methods, to the NAE data with the new trip location.

4,4  Correlation with Flight Test Results

The natural stalling characteristics of the Challenger were predicted by an analysis of wind tunnel test
results including pitching and rolling moments.

o

Flight tests showed that the stall is characterized by a sudden wing drop with no noticeable stall warning E
like a 'g' break or nose down moment. Recovery is accomplished by the pilot pushing the control colum
forward and applying power and opposite wing-down aileron.

Like most modern aircraft, the Challenger is equipped with a stall protection system consisting ot

stick shaker stall warning system and a stick pusher system using angle of attack sensors and a dual channcl
computer. With this system the stall is charactecrized by a nose down moment as the stick pusher is operated
at a lower angle of attack than for the natural stall.

For a correlation with wind tunnel results and prediction, it is necessary to use first the maximum lify
coefficients obtained from natural stalls during flight test. According to the U.S. federal Aviation
Regulations, these are obtained by determining the minimum speed when entering the stall with a deceleration
rate of 1 knot (1.85 km/hr) per sccond.
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The Oy Obtaines trom such FAk stalls is higher than that corresponding to the 1-g condition, i.e. zeru
,

develeration rate, of the wind tunnel test For this purpose the l-g €, of the airplane was detervinec
beoextoapolating tlight test data of various entry rates into the stall to zero deceleration rate.

Figure 22 shon. FAR (g, and I-g Clinax from flight tests in comparison with predictions of 1-g ([ max bascd
it ind tunned tests, and 2-D theory and DATCOM respectively.  In addition, the wind tunnel Cp.. . is
presented to »how the large gap between the model-scale and full-scale data in this case.

The agrecewnt belween flight and wind tunnel 1-g CL,ax i quite good considering the large extrapolation of
the wind tunnel data.

The prediction based on 2-D theory and DATCOM appears 10 overestimate (|54 when the flap is deflected, with
the discrepancy increasing witn flap angle. This is probably due to the inability of such a method to
account tor all three-dimensional effects and nacelle interfercnce. Wind tunnel tests showed a loss of
about 0.05 in Clugy due to the installation of the nacelles at a 40 degree flap deflection.

5. CORRELATION OF BUFFET BOUNDARY

The prediction of the hutffet beundary was derived from an analysis of available wind tunne! data based on
the vrinciples established by Pearcey and Holder (Ref. 7 and 8).

Accornting to Pearcey and Holder buffeting usually occurs when flow separation on a wing has a direct etfect
on the total loading. This means a change in wing circulation and therefore a change in mean trailing
edge nressure. Therefore butfeting is indicated hy a Tift loss and a divergence of the mean trailing edge

pressure compared with the binear variation with angle of attack for attached flow

Based on these principles, kinks (defined by changes in slope) in the curves of Cf and CM versus angle of
attack were usced as follos te estirate buftet boundaries for the high Mach Nurher range. The fist kink

was uned tor bultet onset, the second kink for moderate buffet. and the third kinn for heavy buffet. The
wind tunne !l data used were at a Reynolds Number of 6.7 willion as compared with 10 willion for full scale.

An analysis of trailing edge (100 percent chord) pressure data measured at 3 Reynolds Nusber of 3.75 million
showed that at a given Mach Number separation occured firslL at a semi-span station of G.675. The divergence
ot the trailing edge pressure of this station rather than that of the mean pressure was used to define
buffet onset as an alternative method for high Mach Numbers.

For the low Mach Number range, the buffet boundary was taken to be that of Clyax derived from lo. speec
wind tunnel tests with appropriate corrections for full scale.

Fiqure 23 shows the buffet boundary of the Challenger from flight tests in comparison with such predictions
in terrs of €y versus Mach Number. Shown in this figure are the predicted areas of light, ~oderate and
heavy buffet based on the method of kinks. In addition, the predicted buftfet onset buundary based on
trailing edge pressure divergence is shown as a solid line within the light buffet area.

The flight test data, shown by solid symbols, represent stalls characterized by wing drop. Pre-stall buffet
occurred only at Mach Numbers of 0.35 and higher. The open symbols represent flight test data of buffet
onset defined by an accelerometer reading of *0.05 g at the airplane centre of gravity. This coincided
also with the first perceptible buffet at the cockpit by the pilot.

The agreement between flight and prediction appears tu be very good. The flight test data <how buffet onsct
to occur rather above the predicted boundary, based on the first kink in the force data, and as high as the
predicted moderate buffet boundary. The prediction based on trailing edge pressure divergence appears to
represent the average of the scatter.

Figure 25 shows also that there is adequate separation between normal cruise conditions and buffet onset
for maneuvers and gusts. The minimum margins are in the order of 0.05 in "M and 0.5 gin .

CONCLUDING REMARKS

The development of a modern transonic aircraft was accomplished in a remarkably short time by using (a)
advanced aerodynamic computer methods as a design tool and (b) wind tunncl testing for confiquration refine-
ment and prediction of flight characteristics. This approach led also te a clean wing configuration
requiring no rodi fication or fixes, such as vortex gencrators and fences, to meet all certification

requi rements.

The examples presented here show that critical flight characteristics and wing pressure and load distributions
are predicted well by wind tunnel tests provided the appropriate technique is used.

For models with supercritical wings it is best to test with free transition on the wing., The lowest Reynolds
Number suqgested for high speed tests with free tran<ition is 5 million per mean acrodynamic chord for force
data and 3.8 million for pressure data. For low speed tests for CLmax and stalling characteristics data,

it is suggested to use a Reynolds Number of not less than 2 million with a Mach Number of 0.25.

Theoretical acrodynamic computer methods are valuable tools for analysis and design.

High 1ift systems can now be designed with the aid of a theoretical multi-clement airfoil method saving
considerable development in the tunnel. Subsonic panel methods show remarkable correlation with test data
up to Mach 0.7 and are very useful in analyzing complete configurations in symmetric and asymmetric flight
including combined rates of pitch, yaw and roll.
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The Jameson isolated wing full potential flow transonic method was indispensable for the design of the
Challenger wing. However, it proved to predict poorly the aerodynamic characteristics of the Challenger
wing=body. A simple modification of this method using inputs from a panel method to account for the body
effect was found to improve the correlation with test data,

Significant advances in the design and development of transonic configurations can be made by increasing
the capability of full potential flow transonic methods to compute the flow-around complete configurations,
including the effect of nacelle mass flow ratio, similar to current panel methods.

Finally the degree of correlation between prediction and flight can be significantly improved by using
computational aerodynamic methods in combination with wind tunnel testing to interpret compiex flow
situations.
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LESSONS FROM TORNADO AF TERBODY DEVELOPMENT
by
D C Leyland
Deputy Chief Aerodynamicist
British Aerospace PLC
Warton Division
Preston PR4 1AX
England

SUMMARY

The wind tunnel model testing programme associated with Tornado aircraft design included successful
development of a new afterbody test rig, which showed the benefit of measuring airframe axial force
separately from nozzle forces and allowed detailed configuration development for minimum drag.

Flight testing of the aircraft showed good agreement with drag prediction but handling
characteristics under certain conditions were different from predictions derived from full-model
tests, as a consequence of relatively minor differences in afterbody representation. Flight and
model investigations led to development of a satisfactory configuration and to conclusions as to
requirements for future model test programmes.

Subsequent to the flight programme the rare opportunity was taken to compare flight and model test
data by arranging additional afterbody model tests of geometric changes made during the flight
programme. There was reasonably good agreement between results and, again, conclusions reached as to
the requirements for future model and flight testing. Specifically, the introduction of high
frequency response pressure instrumentation is proposed.

1. INTRODUCTION

The Tornado (Fig.l) was designed by the joint companies of Panavia (Aeritalia, British Aeraspace and
Messerschmitt Bolkow Blohm) to meet varied Italian, British and German air force requirements and
was originally known as the MRCA (Multi-role combat aircraft). There was particular emphasis,
however, on high speed low altitude flight where zero lift drag is dominant and therefore care
needed to keep afterbody drag to a minimum. Afterbody model testing was consequently given some
priority and early tests showed the initial layout to be a satisfactory configuration. In detailed
engineering design there were changes made because of constraints set by the requirements for thrust
reversers and for a minimum length fuselage. Second stage model testing showed a resulting increase
in drag and re-definition of a satisfactory afterbody by model testing followed. Build time-scales
did not allow incorporation of modifications until the sixth prototype and consequently early flight
testing took place with a substandard afterbody. Afterbody drag was increased, as indicated by the
model tests, but there was also a reduction in directional stability, particularly at high subsonic
mach numbers. The modified sixth prototype proved to have reduced drag and increased stability but
flight development was continued to further improve handling characteristies and, in the later
stages, to reduce pilot-perceived vibration to a low level.

Some wind tunnel testing paralleled the flight testing but the eventual production configuration was
developed on a prototype aircraft. It was later arranged, through a UK Government funded research
programme, for retrospective model tests to be made of configurations for which flight data was
available but which had not been included in previous model test series. There is therefore now the
rare opportunity for comparing flight and model afterbody test data, and it is possible from the
experience of the testing to draw clear conclusions as to procedures that should be adopted in
future development programmes.

2. TORNADO AFTERBODY DESIGN

In conjunction with Turbo-Union, and based on test data, a translating shroud nozzle was chosen for
the RB199 engine for Tornado. Zero base nozzles did not offer a net benefit when installation and
weight penalties were taken into account, and would have given major difficulties for incorporation
of the required thrust reversers. Convergent - divergent nozzles would have given too large a
penalty in subsonic/transonic flight to justify the benefits at high mach number, bearing in mind
that RB199 engine overall pressure ratio is relatively low and that a significant proportion of the
underexpanded convergent nozzle thrust is in fact recovered on the afterbody.

Afterbody drag is primarily a function of base area and the RB199 nozzle minimises shroud base area
by enveloping the operating rollers in local external fairings (Fig. 2). Additional base area is
introduced, however, because of the thrust reverser operating mechanism and because of limits on the
steepness of closure of the upper and lower gullies to avoid flow separation.

3. MODEL TESTING

First tests, arranged through MBB on a model at Boeing, confirmed the choice of nozzle design and
nozzle separation. Teats by MBB at ARA Bedford produced basic transonic drag data but afterbody
development was undertaken on the BAe twin sting afterbody rig, with transonic testing at ARA
Bedford end supersonic testing in the 1.2m blow-down tunnel at Warton. The rig (Fig.3) provides
independent measurements of afterbody force, nozzle thrust and combined thrust-minus-drag; the
afterbody is mounted separately from the nozzles which are ‘'earthed' through a part of the rig's
strain gauge balance.

A number of test phases were completed and care was taken to repeat a datum case for cach phase. A
consequence is that it is possible to check back on repeatability (Fig.4), which is probably a
better measure of the quality of a rig than estimated uncertainty. It is gratifying that it is
possible with this rig to discriminate reliably drag differences within 0.1 sq.ft.Do/q full scale.
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4. WIND TUNNEL AFTERBODY DRAG MEASUREMENTS

Results of model drag measurements in Fig.5 show the notable difference found for the basic
prototype configuration compared with the level predicted for the initial design based on early
tests,changes in local lines having been made in design development. The reference model is an
afterbody representative of the complete model which was used for a total aircraft drag synthesis.
Stage 2 was an interim modification made to a prototype aircraft to modify handling qualities; a
large base area resulted and the effect on drag is very evident. The modified prototype
configuration was developed in the tunnel by eliminating areas of flow separation.

The separation (Fig. 6) had arisen on the basic prototype because detailed development of the spine
and boat-tail lines had led to excessive diffusion of local area in the upper gully. Then,
following improvement in the lines, it was found in the model tests that the high base pressure
(positive Cp) developed by the general afterbody flow caused reverse flow in the centre base which
triggered flow separation at the front of the base cavity (Fig. 7). In consequence, seals were
fitted to inboard edges of the thrust reverser buckets for the modified prototype (P06), and later
were also specified for the leading edges of the buckets to prevent outflow of air pressurised in
the nozzle shroud and hence under the buckets.

It is evident that adequate modelling of afterbody detail must be provided in model testing and care
taken to arrange an early re-test of the model if design changes are made following the basic
configuration development.

5. FLIGHT TEST AfTERBODY MEASUREMENT

Special effort was made during the Tornade flight development programme to obtain best possible
meagurements of aircraft drag. A joint Panavia/Turbo Union working group defined procedures,
altitude cell calibrated engines were used and particular care was taken in monitoring engine and
aircraft testing. The recommendations made by a UK study group and published in AGARDograph 237
were largely based on Tornado planning and the success achieved proves them well justified.

Comparisons of afterbody drag measurements are limited but within the general accuracy there is
broad agreement (Fig 8), especially when correction is made for the effect of imperfect
representation of the base cavity on the madel.

To assess the effect on drag of afterbody changes made in flight development a higher order of
accuracy is required and use has been made of a base pressure correlation (Fig 9) derived from the
various phases of Tornado afterbody model testing. It is not a universally applicable correlation
but data available from other afterbody testing show very similar gradients and scatter bands. It
would be interesting to know whether other test establishments have found and used such a
correlation.

6. PROTOTYPE AIRCRAFT FLIGHT EXPERIENCE

The flow separation that had been shown to give increased drag for basic prototype aircraft was
found in flight testing to also affect directional stability, the separation becoming asymmetric in
sideslip (Fig.10) and reducing fin effectiveness (Fig.ll). To restore stability for certain
development flying the upper gully was filled on particular aircraft (Stage 2, Fig.13) as far aft as
the thrust reverser bucket leading edges. That limit was necessary to allow bucket operation. A
large base area resulted but the consequent higher drag was acceptable for test flying.

The design data set level of stability had been predicted from the results of tests on complete
models. The models were sting supported and with some consequent distortion of the afterbody were
evidently not sufficiently representative of the basic prototype configuration. [t was therefore
decided to re-test a model with a reduced sting and gullys introduced on the afterbody. The
corrected result is shown in Fig.1ll and, though not fully matched, the flight result is largely
predicted. Obviously the need is indicated for proper afterbody representation in any future
complete-model testing, at least as a check test for odd behaviour. If results are satisfactory
then afterbody distortion, normally necessary for a flow-through model, can then probably be
accepted.

Further model testing showed that some gully filling, together with a wide spine (Fig.l4), could be
a satisfactory configuration, and from flight testing, with the addition of vortex generators,
directional stability was restored almost to original prediction (Fig.11). This solution was not
desirable, however, because some variable geometry of the wide spine would be necessary to allow
thrust reverser bucket operation. Flight testing therefore continued to seek a narrow spine
solution. The layout of Fig. 15 was eventually developed,with the spine being narrow enough to
allow bucket opening and certain vortex generators shown to be not necessary.

In the final stages of development the standard of the afterbody was judged in terms of
pilot-perceived vibration. With flow separation obviously present it is not surprising that
vibration was felt, but some still remained when flow separation was apparently suppressed, drag
reduced and directional stability restored. It is hypothesised that with high base pressure
developed there is feed forward of base pressure oscillation onto the afterbody boat-tail, not into
a separated flow region, which could not be seen, but into a very thick boundary layer. The final
solution for the production aircraft was the introduction in the upper gullys of part cones, which
proved to be a very powerful means of reducing the vibration (Fig.16). There was little effect on
drag, although base pressure was reduced, and a very satisfactory configuration was developed with
drag close to that originally predicted (Fig.17).
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7. FLIGHT TO WIND TUNNEL COMPARISONS

The aircraft configurations that were included in the wind tunnel research programme are indicated
in Figs. 18 and 19, some variations in lower gully lines being involved as well as the filling of
the upper gulley and addition of part cones. The individual arguments for each change are not
relevant here but comparisons of results in Fig.20 are of interest. Orag increments from the datum
(modified prototype) configuration are shown in the first row and there is a rough correlation with
the measured base pressures; high Cp means low drag. There is reasonable agreement in base pressures
between flight test and wind tunnel but with some dependence on configuration. There are
indications (e.g. configuration 9) that discrepancies are most likely when pressure gradients exist
across the base and imperfections in representation of base geometry on the model becomes
significant. The upper and lower base tappings were at end of boat-tail, centre-base at the front
of the recessed base.

Examples of boat-tail pressure distributions in Figs. 21 and 22 show fair agreement, but the
information was generally of limited use. Where it was thought that some boat-tail separation was
occurring it did not show in the usual way in the pressure distribution and hence came the
hypothesis that certain characteristics were more related to a thick rather than to a separated
boundary layer.

More pressure instrumentation would have allowed better assessment of configurations and fuller
understanding of flow behaviour but in itself would not necessarily have given a shorter development
programme. The flow is very complex and the increments involved are really quite small.

The major figure-of-merit in final development was pilot-perceived vibration and, given a Cooper
type rating or measured by a cockpit accelerometer, it was used in deriving the production
configuration. In the most recent model tests high response transducers have been connected to
afterbody and base pressure tappings and results show a gratifying correlation with cockpit buffet.
Fig.23 shows results for configurations at the start and end of the afterbody flight development
programme, with buffet significantly reduced and yet base pressure increased, meaning drag
reduced.It is thought that more use should be made of unsteady pressure measurement in afterbody
testing, and the author would be pleased to hear from anyone who has any experience of the technique
in this context.

Finally, it is interesting to see the afterbody development in terms of the afterbody drag to base
pressure correlation. Fig 24 shows that, given the more comprehensive measurements available from
the concluding research programme, there is a better correlation if a mean of upper and lower base
pressures is used rather than a single centre base pressure. The scatter band is still as
originally determined and it is notable that the production configuration lies at the lowest level.
The modifications made to minimise vibration, maybe not surprisingly, also give minimum drag for
that basic afterbody layout.

8. CONCLUSIONS

Experiece of Tornado afterbody development showed that:

1. Optimisation for drag can be achieved by afterbody model wind tunnel testing using the
earthed nozzle technique.

2. Model draqg measurements appear to be substantiated by flight drag measurements, within the
accuracy of the flight data.

3. Wind tumnel and flight-measured pressures broadly agreed. Significant differences were
probably due to differences in base geometry representation.

4. A correlation of drag with base pressure, obtained from model tests, gives a good monitor of
drag changes in flight development.

5. Boat-tuil pressures did not prove particularly useful, though model and aircraft data agreed
reasonably well.

6. Major effects on drag or stability can be related to flow separation but the thick boundary
layer at the end of the afterbody can give characteristics akin to flow separation.

7. Part cones fitted in boat-tail gullys proved to be a very good means for reducing vibration
to low levels.

8. Vibration is a good measure of flow quality and lowest vibration gave lowest drag for a
given basic geometry.
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For a future programme it is concluded that:
1. Model testing for drag needs special care and repeated datum cases must be planned.

2. Detail must be well represented on the model, including any possible flow paths from the
base.

3. Design modifications should be avoided subsequent to the model development programme; small
changes can have large effects.

4. Matched pressure tappings on the model and the aircraft are required.

5. A check of stability derivatives is required from a complete model with a representative
afterbody geometry, before testing with a distorted afterbody to allow through-flow.

6. Optimisation for stability may require flight development.

7. High response pressure instrumentation in critical regions is recommended for future wind
tunnel tests and for flight development.
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FIG 10: AFTERBODY FLOW IN SIDESLIP
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FIG 11: TORNADO DIRECTIONAL STABILITY
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FIG 17: TORNADO AFTERBODY DRAG IN FLIGHT TEST DEVELOPMENT
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/_—CONFIG 7 FLAT TOP +« CONES
CONFIG 5 - FLAT TOP + SMALL FILLET
CONFIGS 6 & 10