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THE NATURE OF FIBRE COMPOSITE MATERIALS

Bryan Harris

School of Materials Science
University of Bath
Claverton Down
Bath AB2 7AY
UK

1. THE IDEA OF A COMPOSITE

The concept is a familiar one even to those not acquainted with theoretical aspects of composites technology.
Finely ground wood or silica or chalk are added to plastics moulding materials largely to make them cheaper. Crushed
rock aggregate is used in concrete partly to reduce the cost per unit weight of the material and partly to improve its
compression strength. Powered magnetic alloys of high coercivity are blended with rubbery polymers to make non-
conducting. flexible magnets. The blending of air or gas with metais. with plastics. or with cements resuits in foamed
products of low density. The bonding of plastic film onto steel sheet enables us tv confer the natural chemical
resistance of the polymer on a structural material which. for the most part, has little inherent resistance to
environmental attack.

The purpose in each case is to optimise materials properties by the process of combination. (n engineering practice,
as indeed in nature. itis a common principle that two or more components may be profitably combined to form a composite
material 80 as 0 make best use of the more favourable properties of the components while simultaneously mitigating the
effects of some of their less desirable characteristics. The principle applies to all kinds of properties -- physical.
chemical and mechanical -- and a concommittant benefit of making composites is that the density and perhaps the cost
of the product are often lower, matters of importance to the engineers who use these matarials.

The science of composites represents in several ways an epitomisation of the broader subject of Materials Science.
Practitioners must understand the nature and behaviour of the gamut of substances —- metallic. ceramic and polymeric
-~ and the interactions between these characteristics. With this knowledge they may manipulate them in combinations
whose properties. being determined by thew microstructure. ought to be predictable if that microstructure can be
adequately characterised. Cilearly the properties of engineering materials must be reproducible and accurately
known. And since satisfactory exploitation of the composite principle depends on the design flexibility that resuits
from talloring the propertias of a combination of materials to suit a particular requirernent, we also need to be able to
predict those properties successiully. At the present time some of the more important engineering properties of
composites can be well predicted on the basis of simple mathematical models. but many cannot. Elastic behaviour, for
example. is successfully treated by existing composite mechanics theories. but toughness. fatigue response and time-
dependent behaviour are not. For such properties as these., therefore. the designer must consuit available
experimental evidence and design with caution. As a result, the full potential for economic use of composites is often
lost in the safety factors that are needed to accommodate this state of uncertainty.

The range of possible composites and their applications is enormous and it is not the intention, in this lecture
series. to treat the subject exhaustively. Our aim is to concentrate largely on the physical and mechanical
characteristics of the practical fibre composites that are most prominently of interest to structural and aeronautical
engineers, and to discuss some of their applications in the aerospace field.

Over the past 30 years or so. for reasons that should become clear, the strongest incentive for technological
advance in the composites field has been in the development of reinforced plastics. This is a comprehensive term
which describes a multitude of materiais of diverse character. it embraces high-performance laminates such as epoxide
or polyimide resins reinforced with continuous carbon or boron filaments, as well as the humbler. bulk thermoplastic
moulding compounds such as Nylon or polypropyiene fllled with chopped glass fibres. But perhaps the largest
group of composites of this type consists of those referred to simply as GRP -- glass fibre reinforced thermoset
resins. usually of the polyester variety —-- that are currently finding applications in almost all general engineering
fields. including transport, building technology, marine engineering, and in the chemical industry for plant and
containers. Reinforced plastics (of all kinds) have probably been the subject of the majority of reported research
investigations.

Much early experimental work, however, was carried out on metal matrix composites, many of them simply experimental
model materials. and the foundation of the theory of composites lies firmly on this work. The practical development of
metai matrix composites has been much more restricted. however. than that of the reinforced plastics and those that now
seem most promising —- the directionally solidified superailoys containing grown-in fibres of refractory compounds
like tantalum carbide, or composites of aluminium reinforced with carbon or boron filaments, for example -- have yet to
find practical application on a reasonable scaie.

Ot reinforced ceramics in general relatively little can be said. for there are serious practical obstacles to the
production of useful composites oi this kind. The obvious exception is fibre reinforced cement in which there is a
waxing interest for architectural purposes if not for structural applications. The jet engine manufacturers
continue to hold a watching brief over the possibilities for fibre reinforced high temperature ceramics.

2. THE UMITATIONS OF CONVENTIONAL ENGINEERING MATERIALS

It is profitless 10 try to draw up a table of comparative materials characteristics in order to assess their relative
strengths and weaknesses. The reason for this is that the generic terms -- metals. plastics, ceramics —- each cover
whole families of materials within which the range of available properties is sometimes just as broad as that which we
associate with differences between the three classes. A comparison in the most general terms, however, can reveal
some of the more obvious advantages and disadvantages of the different types of engineering materials. even though
such generalisations can rarely be sustained in the face of more detailed examination. Such comparisons as may be
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made are as follows: :

@®Plastics are all of low density; they lack thermal stabiiity. they have good chemical resistance but only moderate o
resistance to environmental degradation: they possess relatively poor mechanical properties. but they are -
easily fabricated and joined. :

@ Ceramics may be of low density (aithough some. like TaC. are very dense) . they possess great thermal stability and o
are resistant to most ordinary forms of attack: aithough intrinsically very rigid and strong. they are all extremely N )
brittle: and they can be formed and shaped only with difficuity. el

@ Metals are mostly of medium to high density. many have good thermal stability and may be made corrosion resistant -
by alloying: they have generally useful mechanical properties and high toughness. and they are moderately
easily shaped and joined. It is largely a consequence of their ductility and resistance to catastrophic crack R
propagation that metals. as a class, are the preferred engineering materials.

On the basis of such a superficial comparison it is apparent that each class has certain intrinsic advantages and —-‘-.-4 “
disadvantages, although metals pose fewer problems for the designer than plastics or ceramics. C 3
in making comparisons we cannot ignore economic aspects of the competition between materiais, but the basis on which - -
materials costs are compared wiil inevitably colour the results. Plastics industry statistics, for exampie. usually relate . i
to volume production. whereas elsewhere output is discussed in terms of weight. But costs per unit volume, naturally. o0t
do not give the same picture as costs per unit weight. For a designer. however. costs are often more realistically ]
related to the ability of a material to sustain a given load or resist a given deflexion. Thus, if the figure of merit TS
chosen is the cost in pence of a component having a strength of 100 MPa, the following approximate ieague table ""‘id
would be appropriate for the early 1980°'s.
TABLE 1. COST OF MATERIALS IN TERMS OF STRENGTH
Cost per 100 MPa Coe s
Material of strength o
in pence*

Concrete 0.20-0.40 &

Timber 0.32-0.40 T

Wrought steel 0.45-0.84 -

Perrous Castings 0.52-1.30 LR

Aluminium 1.50-1.68

Zinc Castings 1.50-1.9 -3

Plastics 1.80-6.50 R

Fibre Composites 2,26-6.00 ’

*100p = £1 sterling

The figures in a table of this kind may fluctuate considerably over short periods of time, and the cost of
hydrocarbon-based plastics is particularly unstable.but it is clear that the load-bearing composites represented
in the table are not competing with conventional materials on a straightforward economic basis. Additions of ‘cheap’
particulate fillers like ground chalk or silica flour are often in order made to reduce the relatively high cost of
plastics for applications which call for no reinforcement at all, but sometimes the cost of using even waste products -
- like pulverised fuet ash —- is not as low as the consumer could wish. Even the use of air in low density foamed

. ¢ products often seems to require large energy expenditure the cost of which must naturally be passed to the
= consumer.

-

j.i_ 8 THE SCOPE FOR REINFORCEMENT OF CONVENTIONAL MATERIALS

In choosing to reinforce an ordinary engineering material. we are effectively selecting the matrix for a composite.
r. This matrix is required to perform several functions, most of which are vital to the satisfactory performance of the

composite. Bundles of fibres are, in themselives. of relatively littie use to an engineer. no matter how strong or rigid
they may be. and it is only the presence of a matrix or binder that enables us to make use of them.

e i
1

)
]

3.1 Functions of the Matrix :‘-5_ kX

(a) The matrix binds the fibres together, holding them aligned in the important stressed directions. Loads applied to
the composite are then transferred into the fibres -~ the principal load bearing component ~- through the N
matrix. so as to enable the composite to withstand compression, flexural and shear forces as well as tensile @
loads. The ability of composites reinforced with short fibres to support loads of any kind is exclusively
dependent on the presence of the matrix as the load transfer medium, and the efficiency of this transfer is o
directly related to the quality of the fibre matrix bond.

T,
AN | I

(b) The matrix must also separate the fibres so that they can act as separate entities. Most reinforcing fibres are
composed of solids which are brittle and whose strength is therefore highly variable. When such materials
are used in the form of an aggregate of fine fibres not only are the fibres stronger than the monolithic form Lo
of the same solid. but there is the additional benefit that the fibre aggregate does not fall catastro- o

P

+. phically. The fibre bundie strength is aiso iess variable than that of a monolithic rod of equivalent load- LA
bearing ability. But these advantages of the fibre aggregate can only be realised if the matrix separates -

v~y
L

the fibres so that the cracks are unable to pass unimpeded through sequences of fibres in contact. ’ .

(c) The matrix should protect the reinforcing filaments from mechanical damage (e.g. abrasion) and from environmental

. attack. 8Since many resins which are used as matrices for glass fibres permit diffusion of water and certain

- ionic species this function is often not adequately fulfiled in many GRP materials, and the environmental

. damage that results is aggravated by the presence of stress. In cement the aikaline nature of the matrix itself } ,

] is damaging to ordinary glass fibres and it has been necessary to deveiop alkali-resistant glasses to @
counter this. For composites operating at elevated temperature. the matrix would naturally need to protect -
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the tibres from oxidative attack.

(d) A ductile matrix will provide a means of slowing down or stopping cracks that might have originated at broken
fibres. although conversely. a brittle matrix may depend upon the fibres to act as matrix crack stoppers.

(@) Through the quality of its grip on the fibres. manifested most directly in the interfacial bond strength., the matrix
can be an important means of increasing the toughness of the composite.

(1) By comparison with the common reinforcing filaments most matrix materials are weak and flexible and their strengths

and moduli are often neglected in caliculating composite properties. But matrix materials like metals are structura|
materials in their own right and their inherent shear stiffness and compressional rigidity are important in
determining the behaviour of the composite in shear and compression.

The potential for reinforcing any given material will depend to some extent on its ability to carry out some or aill of
these matrix functions. but there are often other considerations. We consider now the likely qualities of various
classes of matrix materials.

3.2 Metals

Metals are (arguably) the most versatile of engineering materials and they owe this versatility to the fact that they can
be plastically deformed and can be strengthened by a variety of methods which. by and large. act by inhibiting the
motion of dislocations. Ironically. as a consequence of the non-directional nature of the metallic bond disiocations
are highly mobile in pure metals which are therefore very soft. By controliing the number and distribution of defects.
however. the materials scientist can adjust the properties of a metal or alloy system to suit his requirements. There are
limitations. however. Increases in strength can usually be achieved only at the expense of the capacity to deform
plastically. with the consequance that the strongest alioys lack the vital quality of toughness and are less
tolerant of the presence of defects or stress—concentrating design features. Since brittieness is a drawback no
designer can afford to underestimate. this leads to the use of large safety factors which. in turn, means that the full
potential of high-strength alloys can often not be realised in practice. '

Many solid-state hardening methods used in alloys involve producing a material in a metastable state which may
subsequently tend to revert 1o the more stable but unstrengthened condition if sufficient driving force is provided.
Thus. alloys strengthened by precipitation hardening. such as the strong aluminium alloys, those depending on
phase transformations of the martensitic type. such as steels. and those depending simply on the presence of a high
dislocation density, as in heavily cold-worked materials. will ail tend to soﬂerz’ at elevated temperatures. The
strongest aluminium alioys begin to lose their strength at temperatures little over 150 C, for example. Furthermore. in
such metastable alloys the problem of fatigue is intensified because the cyclic deformation generates large quantities
of point defects which enhance diffusion and can cause reversion of the metastable alloy structure even at room
temperature.

Many conventional metaliic systems have the disadvantage of being relatively heavy. For many land-based engineering
projects this wili be of no consequence. but economic arguments relating to pay-loads (in civil aircraft) and tactical
arguments relating to manoevrability (in military aircraft) have always been a powerful driving force for the use of
low-density materials in aerospace engineering. In the energy-conscious 1980's the economic incentive for
lightening automobiles has already made considerable impact on the motor car designer. For structural applications
involving compression or flexural design !~ads, as opposed to those which are predominantly tensile. the relevant
structural slmgess Ind;x is not simply Young’'s modulus. E. or the modulus/density ratio, E/p . but may instead be
the radios E or E/p”. For aerospace applications Biggs (1) has shown that modifications to materials that result
in lowered density may be more profitable than attempts simply to improve their strength or stiffness. Ashby and
Jones(2), discussing these effects in a series of illuminating case studies, show why, for a large telescope mirror,
foamed polyurethane could be a serious alternative to the more obvious choice of carbon-fibre reinforced plastic
(CFRP) if stiftness. density and cost considerations alone were the determining factors.

The foregoing arguments suggest that it would be worthwhile to attempt to use strong. stable fibres of low density to
reinforce (without inducing brittieness) some of the lighter engineering metals and alioys.

3.3 Polymeric Materials

Few polymers are thermally stable by comparison with metals or ceramics and even the most stable. like polyimide.
polyimlda@lo. polybenzoxazole or polyether ether ketone (PEEK) are degraded by exposure to temperatures above
about 300°C. There is little that reinforcement can do to combat chemical degradation, but the associated fall in
strength and increase in time-dependent (creep or viscoelastic) deformation —-- a feature common to all polymers.
though less serious in cross-linked resin systems than in thermoplastics -~ can be delayed by fibre reinforcement.

A more serious problem in polymaers is their very low mechanical strength and stiffness in bulk form: and like metals. the
weakest plastics tend to be ductile (or even tough) but the strongest tend to be brittie, aithough there are
exceptions.

Polymers are traditionally insulators and In their application as such strength is usually a secondary
consideration. It is increasingly likely. however, that the enhanced electrical and thermal conductivity of plastics
reinforced with carbon fibres will be of considerable importance in many aeronautical applications. Most polymers are
already low density materials. and the addition of fibres cannot confer any advantages in this respect.

In such materiais as these there is the greatest scope for improvement, and it is in the fleld of fibre reinforced
plastics that the greatest successes have already been achieved. There is a thriving. international reinforced
plastics industry, for which both the science and technology are highly advanced. although it appears that the
general level of awareness of the merits of reinforced plastics on the part of designers in general engineering is
very low. The same is not true. however, of the aerospace industry.

3.4 Ceramics and Glasses

Qlasses have high chemical stability. but many lose their mechanical strength at reiatively low temperatures as they
pass through the glass transition (T_). Speclal glasses have been developed with high T_, however, and many are
at least as resistant as some of thi less stable steels. The principal problem with glagsy materials 13 that they are
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always brittle. The difficulty Is not that glasses are not strong. for with careful preparation very high strengths
can be achieved. The drawback Is that they are highly notch-sensitive. and their measured strengths are in
consequence subject to wide variation at ordlnary temperatures. They are not able to relieve stress
concentrations at crack tips by plastic deformation., as strong metals can. and they are not. therefore. fail-safe. A
constant disadvantage. aggravated by low thermal conductivity, is that glass usually has poor thermal shock
resistance unless. iike quartz glass. it also has a low thermal expansion coefficient. Many of these difficulties can.
in fact. be overcome by reinforcement with fibres like carbon. and with the added bonus of a saving in weight.

Most ceramics. whether the conventional whiteware and porcelains. or the pure ceramics like Al 0 suffer from the
same defects as gl in the sense that though they are potentially high-strength solids. tﬁoy are also brittle
and highly notch-sensmve Most ceramics retain their strength to very high temperatures. however. unlike giasses.
and severa! have good thermal shock resistance. Improving toughness and reducing notch sensitivity are perhaps
the only reasons for attempting to reinforce such materials. for as Bowen (3) points out the moduius of many ceramics
is not very different from that of carbon fibre.

4. STRONG SOUDS FOR REINFORCEMENTS

A search for materials that should theoretically have high strength and stiffness leads directly to elements or
compounds possessing a high density of either pure covalent or mixed covalent/ionic bonds(4). Elements having
these characteristics are carbon. boron and silicon: compounds that suggest themselves are ceramics like SiO

SIC. Aizos. BN and SI it is of course not coincidental that these are all very brittie solids of low oeenslty.

Such materials are unpromlslng in the bulk form, and it is only when we convert them into fine fibres. eliminating as far
as possibie the strength-limiting defects normally present in brittle solids., that we obtain strong. rigid materials
capable of being used as englnoering materials. The most important fibres that are at all widely used in modern man-~
made composites are glass (SiO carbon. boron and highly drawn polymers like polypropylene. polyethylene
terephthalate (Terylene) and argmatlc polyamides such as Keviar 49. in many of these fibres it is possible to obtain
strengths., characteristic of the strong covalent bond. which reach a high proportion of the theoretical tensile
fallure stress., approximately £/20. They are all available in the form of continuous filaments, which facilitates the
manufacturing of high performance composites. Continuous fibres of -Ai,O, and SIiC have also been produced
in recent years (5). In the early days of composite materiais dovelopmegt ﬁ-m was a great deal of interest in the
properties of minute monocrystalline whiskers of almost theoretical strength and stiffness. but the problems of
producing composites in which a reasonable proportion of this strength and stiffness could be economically utilised
lead to early abandonment of their serious consideratrion as reintorcing fibres in favour of continuous filaments
(6) . Successful methods have. however. been developed for producing high quality laminates from chopped fibres
such as carbon. glass and Kevliar-49 which have certain practical advantages over conventional composites (7).
The properties of a range of modern reinforcing fibres are given in Table 2.

TABLE 2. MECHANICAL PROPERTIES OF REINFORCING FIBRES

" Fibre Young's "
Materia l:‘e:::;f diameter Modulus Tensﬂz ;:’ ngth
(um) GPa
Carbon (PAN) HM 20 7-10 400 2,0-2.5 (Scm)
HT 1.7 7-10 200 3.0-3.5 (Scm)
A 19 7-10 220 24 (Scm)
Carbon (mesophase) 2,02 ~10 380 20-24
Boron 26 130 400 34
a-Al,0,(FP) 3.95 20 380 1.4-2.1
SiC (whisker) 32 1-50 zg :p 0:_% 'a.o
SiC (organosilicon precursor) 32 10 A .0-8.
( 15 245 30-35
E-giass (ordinary) 25 10 70 1.5-20
S— glass 26 10 84 46
elﬁ,(meullit: glass) - — 100-150 3.6 (yield)
f” ylene (extended chain.
ulln high modulus) - —_ 60 —_
Kevlar -29 (PPT) 1.44 12 60 27
Keviar 49 1.45 12 130 27
High carbon steel 78 250 210 2.8
5. COMPOSITE MATERIALS

Apart from their use In ropes and cables in pure tensile structures fibres are of limited value in structural
applications. For this reason, therefore. these sirong filamentary materials must be combined with a matrix of metal.
plastic. or (less frequently) ceramic so that a substantial proportion of their high tensile strength and rigidity can
be utilized in stress systems more compiexthan simple tension. For composite matrices we may choose weak. ductile metails
like aluminium: weak. brittle plastics like the thermosetting epoxides and polyesters. weak. ductile thermoplastics like
Mylon: or weak (in tension). brittle ceramics like concrete.

If we choose a low-density matrix for reinforcement by light. strong fibres we can therefore expect to produce
strong. rigid composites that are aiso light and tough. thereby fulfilling. 1o a greater or tesser degree. ail of the
engineers’ requirements for a modern structural material. The most successful of modern rigid composites are glass and
carbon-fibre reinforced plastics (GRP and CFRP)., boron-fibre reinforced aluminium. Keviar-49 reinforced resins,
and polypropylene or steel-fibre reinforced cement (5). The most recent deveiopments relate to the combination of
two types of reirforcing fibres in a singie resin matrix to produce materials known as hybrid composites which carry
the opitmization principle even further.

In this lecture series we shall attempt to show the extent to which composites can provide aerospace engineers with
satisfactory solutions to some of their design problems. Broadly speaking. three main aspects of the subject have
been selected for detailed appraisal. First. we discuss the basic characteristics of the most familiar reinforcing
fibres and matrix materials and we show how a knowledge of these characteristics can be used, together with
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classical mechanics methods. to predict the strength and stiffness of laminates. Second. we study some longer term
environmental eflects relating to the use of composites in aerospace applications. discussing their damage
tolerance. thelr tatigue response. and the effects of their exposure to other environmental conditions. including
heat and moisture. Of particular importance 1o designers with this class of materials. by comparison for example with
classical metals and alloys. is their response to electrical magnetic fields. And third. we attempt to give our subject

practical relevance by discussing some of the manufacturing processes used for aeronautical structures. some of
the methods available for non-destructive testing of laminates, and some specific asrospace applications of composite -
materials. . ._ :
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CHARACTERISTICS AND SELECTION OF FIBRES FOR
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SUMMARY

Synthetic fibres have appeared only in recent times, however in forming a new class of material they
have also permitted the creation of fibre reinforced composites. Fibres are a form of matter which pocesses
physical properties approaching closest to the maximum of those which are theoretically attainable. The
physical properties required of the fibres used in composites are strength and rigidity, if possible linked
with low density. The strength and Young's modulus of many synthetic fibres depend on their molecular struc-
tuve and on its arrangement, which is produced during fibre manufacture. Each type of fibre has its advantages
for certain types of composites but also some disadvantages including anisotropy and temperature dependance.

INTRODUCTION

The ultimate strength and Young's Modulus of a material depends on the forces which bind its e
structure together. Materials almost never achieve this absolute strength because of internal defe and
irregularities which provide other mechanisms of failure or produce stress concentrations able to . me
atomic forces with only a nominal stress applied to the material. Only in filamentary form are the: -heorical
strengths approached. Whiskers which are fine filamentary monocrystals can be observed to attain a re
strain of 10%7 which is approximately the strain necessary to separate two atoms. The strength of w is
strongly size dependant, falling sharply as their dimensions are increased so increasing the proba .- of

the existence of defects.

Synthetic fibres although not attaining the strenghs predicted solely by atomic theory can be very strong.
For example a glass fibre can be five hundred times stronger than the same glass in bulk form. This is because
the fabrication process eliminates the irregularities and defects which weaken the bulk glass. These defects
occur usually on the surface of a fibre and a simple calculation reveals how fibre production modifies the
fibre surface. Fibre production usually involves a stretching process so that a relatively large diameter
rod is transformed into a fine filament. If it is assumed that the volume of material does not change during
fibre production then changes in surface area may be calculated.

Figure 1 shows schematically the lengthening of the initial rod and the reduction of diameter to one
hundredth of its original value. The two volumes can be equated so that

m’%1 = R )%
100

therefore x = 10000 1

The surface area of the rod before drawing is given by
(S.A)l = 2 JIR1

and after drawing (S.A), = 2N T%E 10000 1
s that A2 . 00
B,

Drawing has increased the surface area of the cylinder and the plastic deformation required to produce
the new surface has eliminated the mechanical defects which weakened the original bulk material. A dramatic
fall in strength can however be produced simply by touching the newly draw glass fibre as the acids in the
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skin are sufficient to damage the fibre.

Drawing is very important also for arranging the molecular structure of organic fibres so as to pre-
ferentially align the macromolecules along the axial direction. As this alignment is increased so are the
tensile properties of the fibre, at least in the axial direction but the structure also becomzs increasingly
anisc -opic.

The physical properties of organic fibres may be
more rigid so that alignment and the use of molecules
fibres. Some fibres, such as Kevlar, are of this type
remarkable mechanical properties and are increasingly

increased by making the basic molecular structures
containing aromatic rings can produce high modulus

and although related directly to textile fibrers possess
used in composites.

In order to obtain fibres which possess those properties most sought after for reinforcing composite
materials it is useful to again consider the atomic processes involved. Strength and rigidity in a material
are linked to the forces of interaction between atoms. These forces depend mainly on the outer valence elec-
trons of the atoms and are not much effected by the atomic nuclei so that strength and rigidity are not
related to atomic weight. This means that it is possible to create rigid and strong materials from some of
the lightest elements which exist. From this sort of reasoning has emerged first boron and then carbon
fibres and in particular the latter are in the process of revolutionising the aerospace industry.

FIBRE DEVELOPMENT

Fibres may be divided into three groups, natural, regenerated and synthetic. Natural fibres, such as
cotton and wool, have been used by man throughout history. They can be found both in the plant and animal
world and their existence reflects the fibrous nature of all living structures. Evolutionary forces have
produced fibres and fibre reinforced structures but it is only recently that man has decided to follow the
same line of development for structural materials. Natural fibres may also be found in the inanimate world
and asbestos is an example. Although attempts had been made to produce synthetic silk, it was not until
the end of the nineteenth century that the first regenerated fibres were made. A regenerated fibre is one
which although made artificially uses the long macromolecules existing naturally in the form of cellulose
which is usually obtained from wood. After treatement with caustic soda the cellulose is converted into
alkali cellulose and then treated with carbon disulphide to convert it into sodium cellulose xanthate which
is then disolved in a dilute solution of caustic soda. This solution, known as viscose, is then extruded
through fine holes into a coagulating bath of sulphuyic acid to form viscose rayon (1). Altrough rayon has
found many uses both textile and industrial it does not possess sufficiently interesting physical properties
for it to be used in composites.

It was not until the end of the 1930 s that the first truly synthetic fibres were produced from short
simple molecules. These first fibres were polyamides, quickly named nylon, and made by reacting a compound
containing two amine groups with another two carboxylic acid groups. The resulting polymer contained re-
peated amine groups ( - CONH- ) along the long molecular chains which is the characteristic of nylon fibres.

NH2 (Cl-lz)6 NH2 + HOOC (CHZ)J; COCH
hexamethylene diamine adipic acid
..... e ssaconnens CONH(CHZ)6 NHCO (CH2)4................

NYLON 66

FIGURE 2 : Molecular structure of Nylon 66 showing intermolecular hydrogen bonding between the CO.NH
groups.

Figure 2 shows the linear and hence flexible structure of nylon 66 and also how neighbouring chains are
attracted by hydrogen bonding between the - CO.NH - groups. The regular repetition in the molecular chain
and the attraction between chains promotes the existence of highly organised regions so the the structure of
nylon fibres is about 607 crystalline. Molecular alignment which can be produced by draving or stretching
the fibre during production has a marked effect on final physical properties as is shown by Figure 3. As
molecular alignment parallel to the fibre axis increases so does strength and Young's modulus but at the
expense of strain to failure.

Drawing of nylon fibres takes place during fibre manufacture which begins with Fhe melting cf nylon
chips so that the molten polymer can then be forced through the small holes of the spinneret. As the thfeads
of molten polymer leave the spinneret they are cooled and solidified by contact with a stream of cold air
and form solid filaments. These filaments are th:n drawn between two rollers rotating at different speeds
80 as to stretch the filaments into fine fibres.
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FIGURE 3: The stress (g)-strain (e) curves of undrawn, medium drawn and highly drawn fibres of the

same polymer. As molecular orientation increases so does modulus but at the expense of
breaking strain.

The polyamide molecule shown in Figure 2 is inherently flexible and a more rigid end product could be
hoped for if a less flexible molecule were used for fibre manufacture. For this reason it is interesting to
look at the second important synthetic fibre which was produced in the late 1940s which was polyetheylene
terephthalate or simply polyester. The basic unit of the polyester molecule is shown in Figure 4 and it can
be seen to contain a benzene ring which has the effect of stiffening the chain(2)Polyester fibres with similar
drawing rates possess a higher Young's modulus than is found with nylon fibres.

POLYESTER (polyéthylénetéréphthalate)

o M\C——-C/H O—CHy—
N SN

—CH2 C—

NN
H/ \H

FIGURE 4 : The polyester molecular structure is not as flexible as the linear nylon molecule so that
polyester fibres possess an inherently higher Young's modulus than do nylon fibres.

Following the production of the first synthetic fibres others have been produced with increasingly
complex molecular forms. Aromatic polyamides such as "Nomex" were produced. These more complex polymers,based
on more rigid molecular structures containing benzene rings, can be used at higher temperatures than is the
case with nylon and polyester which melt around 260°C. Nomex can be used up to about 370°C and does not melt
but carbonisecs.

As well as increasing thermal properties the more rigid molecular structure of aromatic polyamides has
been used to create mechanically very strong fibres which have a high Young's modulus. The best known example
of this ARAMID family of fibres is Kevlar made by Du Pont de Nemours. Figure 5 shows the tensile curves of
several fibres and it soon becomes evident that the aramid fibre marks a remarkable departure from other
organic fibres both in strength and Young's modulus.

ARAMID FIBRES

Aramid fibres of which the best known is the Du Pont's fibre Kevlar form a class of fibre which may be
used as reinforcements in composites materials. Aramids do not melt so cannot be spun from the melt but can
be dissolved in powerful solvents (3, 4). The molecular organisation of the solution which is formed is very
important in determining the final fibre properties. In the case of Kevlar the solution is poly ( p-phenylene
Terephthalamide ) or simply PPD-T. Dilute solutions are isotropic but as the solution concentration is
increased spontaneous ordering of rod-like molecules takes place giving rise to an anisotropic mesophase.

The molecular structure of Kevlar is given in Figure 6 and it can be seen to be rigid with little
possibility of bending occuring (5). It has been shown that the molecular structure of Kevlar fibres is in
the form of radially arranged pleated sheets (6). The rod like molecules are pgreatly ordered to produce a
highly crystalline structure having the basic unit of that shown in Figure 7.

The kevlar fibre is highly anisotropic being very strong and rigid in the axial direction but weak in
axial (8) and radial compression (9). The high modulus form of the fibre Kevlar 49 does not creep very much
and is not easily broken by tensile fatigue (10). Figure 8 shows the creep behaviour of a simple Kevlar-49
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.' fibre. Single Kevlar fibres have a diameter of about [3 um and are circular in cross section. It is |

normal to find a wide scatter of physical properties when testing fibres and Kevlar fibres are no -

exception in this matter. The scatter in tensile properties of Kevlar fibres must be considered as a mate-
rial property due to the defects which can be observed on the fibres, sometimes these defects are
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large enough to be seen with the naked eye and probably exist at all scales down to the molecular level(ll).
Kevlar fibres fibrillate greatly on failure (10, 11) except when they have been bent. Bending produces kink
bands in the fibre. These are lines of plastic deformation and the bending of Kevlar fibres seriously
weakens them and can result in a more localised fracture point than is mormally seen if subsequently tested

in traction (12).
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FIGURE 8 : The creep behaviour of Kevlar-49 loaded to 85% of breaking load.

There is no minimum bending radius of curvature for Kevlar fibres as the concave side of the bent fibre
undergoes gross plastic deformation (8). In this way the fibre may be completely bent back on itself to a
zero raduis of curvature without failing.An elastic fibre would of course break when the convex surface
reached its breaking strain. The bending behaviour seen with Kevlar fibres reflects the basic weakness of
the fibre in compression but does mean that the fibre has high tenacity which can be turned to an advantage.
On the other hand the fibre is difficult to cut. The weak radial strength of the fibre also renders it sen-
sitive to abrasion.

The Kevlar fibres are chemically inert in most environements. althrough attackad by sulphuric acid and
degrading in sunlight. The fibre is very stable up to 100°C with practically no change in strength or in
Young's modulus. Both these parameters fall slowly up to 300°C at which the strength and the modulus have
approximately 75% of their values at room temperature. Above 300°C an abrupt fall in properties is observed.
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Figure 9 which compares the tensile curves of different reinforcing fibres shows that Kevlar-49 fibres
are very well placed amongst the most c mmon fibres used in composites. In addition its low density means
that its specific properties (the pro,~ity divided by the density) are particulary interesting as shown in
Table 1. For the same weight a Kevlar fibre is five times stronger than steel when measured in air and thirty
times stronger in water.

- g
;~£
R
A K 4
s
-]

"
_.‘_:




2-6
Strength | Modulus BreakinJ Density| Specific |Specific
2 2 | strain 3 |strength |modulus
GN/m GN/m % g/cm by K
Kevlar 29 2.60 62.0 4.2 1.44 190 4300
Kevlar 49 2.70 130.0 2.0 1.45 190 9000
Polyester HiT| 1.40 12 15 1.2 116 1000
Nylon T 728 1.00 5.6 18.5 1.14 88 500
Nomex 0.65 20.0 23.0 1.38 47 1450
Steel 2.80 200.0 2.0 7.83 36 2550
Boron 3.00 370.0 1.0 2.70 110 14000
Glass 3.50 70.0 4.8 2.54 137 2750
Carbon HS 2.70 270.0 0.8 1.80 150 15000
Carbon HM 2.00 400.0 0.5 1.95 108 20000

TABLE | : comparison of fibre properties.

The kevlar -49 fibre is finding increasing use in composites but the type of structure for which it
can be used is restricted by the physical limitatioms of the fibre. The fibre may be handled like any other
textile fibre and so may be wound around a preform without difficulty. One of the most successful uses of
Kevlar-49 has been in filament wound pressure vessels whether rocket motors or other wise. This seems an
ideal application for the fibre as it is subjected only to tensile forces due to the internal pressurisation
of the vessel.

In other applications Kevlar is mixed with other usually more brittle fibres to form hybrid composites
in order to increase the toughness of the composite structure and so reduce the problem of shock loading
experienced with some composites. The inherent toughness of the fibre has been used in the production of
flack jackets.

Kevlar 49 is a very interesting fibre and is increasingly used in composites. It is lighter and stiffer
than glass but is priced between glass fibre and the higher modulus carbon and boron fibres. It will be
used for secondary structures in the aerospace field, such as interior panels, access doors, flooring, rudder
and fuselage skins. Kevlar 49 will be incorporated for example into helicopter blades and drive shafts pro-
bably combined with carbon fibre, Kevlar will not be used in primary structural parts, except in the case
of the pressure vessel, because of its low compressive strength.

GLASS FIBRES

Glass fibres are the most widely used fibre in composite materials and were the first continuous fibre
to be used for such a role. They come with different diameters and chemical compositions for a variety of
purposes. The chemical structure of glass is based on that of silica (Si0,) with additions of oxides of
calcium, boron, sodium, iron and other elements. The structure of glass shows no long range ordering at the
molecular level but consists of a three dimensional array of atoms.

Soda-lime glass used for windows and bottles can be drawn into filaments at temperature above 750°C
but is weak and brittle so is rarely used in the form of fibres. The most commonly employed glass used for
fibres is known as E-glass and typically has the following composition 8i0, 54.4%, Al,0, 14.4%, Ca0O 17,52
Mg0 4.5%, 820 8.0%, K,0 0.5%, Fe 03 0.4% and F, 0.3%. E-glass was originaly deveéldoped for its electri-
cal properties but as it“is relativefy strong and s%iff as well as drawing well it is widely used as a
textile and reinforcing fibre. Some physical properties of E-glass can be seen in Table II.together with
details of other more specialised glasses (13).

Glass fibre types

Glass type E Sor R D C M

Density 2.54 2.49 2.16 2.49 2.89

Strength
(20°C) 3.5 4.65 2.45 2.8 3.5
GPa

Youngs

Modulus (20°C) 73.5 86.5 52.5 70 1
GPa

Strain to

failure 2 4.5 5.3 4.5 4.0 3.1

TABLE II

A composition of the mechanical properties
of several different types of glass fibre.
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. Glass fibres are made by drawing from the melt as are many organic fibres. They are drawn at very high I
- speed some hundreds of metres per second down to filaments which usually have diameters between 5 and 20 um.

This rapid cooling produces fibres which have a more open molecular structure than is found with bulk glass.
For this reason reheating of glass fibres produces a slight increase in demsity. Glass fibres are easily

A damaged by abrasion, being brittle, so an integral part of fibre production is coating with a size which
. protects the fibre surface and holds the strands together. The coating may be permanent if for example the
! fibres are to be used for textile purposes or may be removed after handling of the fibre is completed when
F - a coupling agent can be applied to help bonding to the matrix for making a composite.

3

o Altrough E-glass is widely used for reinforcing fibres it has a low Youngs modulus when compared its

B some other fibres so that for some high performance applications other forms of glass are used. It is

L. possible to increase the modulus of glass fibres by partial recrystallisation of the surface by redrawing
- through an oven (14). Usually however type S glass is used which has a composition based on 65% $i0,, 25%
L A120 and 10M MgO. It will be seen from Table II that S glass (known as R-glass in France) produces a fibre
! wh:.cﬁ has a higher Young's modulus and strength than has E-glass.

The other glasses snown in table II have been produced for very specialised applicationsand their
composition decided upon so as to give : D-glass which is transparent to electromagnetic radiation having
a particularly low dielectric constant; C-glass which has particularly good chemical resistance for use with
corrosive material and M-glass which contains BeO which produces a particularly high elastic modulus.

: Glass fibres may be obtained in a variety of forms. The least expensive form of continuous glass fibre
’ is STRAND or ROVING which is a group of strandsnot twisted together but in the form of a ribbon. Roving can
" be ugsed in filament winding processes. The fibres can also be cut into short lengths usually 5 mm to 50 mm
‘ in length. These chopped glass fibres can be sprayed immediately after chopping together with a liquid resin
against a mould to build up a reinforced structure. Alternaively chopped fibre may be converted to a lightly
bonded preform of the final object by collection of the short fibres with a small amount of resin. The
preform can there be heated to cure the bonding resin and then impregnated with resin under pressure.

-
.

Chopped glass fibres can also be mixed with resin for to make dough or sheet moulding compounds (DMC
and SMC) which may be press-moulded in the final product shape.

Continuous glass fibres may be allowed to fall randomly on to a moving belt to form a non-woven mat
which may then be impregnated or alternatively and more expensively they may be woven into cloth. Woven
glass fibre sheets allow high fibre volume fractions to be achieved. ’
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Glass fibres are by far the most widely used reinforcing fibre for composites because of their ease of
manufacture, relative low cost and ease of handling. The fibres suffer greatly however from a relatively
low Young's modulus and high density producing composites with unimpressive specific properties as can be
seen in Tables I and III.

Density | Tensile |Young's [Specific | Specific , !

strenth |Modulus [strength | Modulus ey

GPa GPa ey

35NCD16 Steel 7.9 1.85 200 0.24 25 E
Al ASG(6061)T6 2.7 0.35 70 0.13 26 .q
Al AU4GI(2024)T4| 2.8 0.59 73 0.21 26 - b
Al A25G4(7075)TG| 2.8 0.45 76 0.16 27 j
Ti TA6V 4.4 1.14 119 0.26 27 ;
Be (sheet) 1.9 0.78 295 0.41 155 SRS
COMPOSITES - .%
Boron-Epoxy 2.1 2.0 270 0.95 129 g
Boron-Aluminium 2.7 1.25 225 0.46 83 R
Graphi te-Epoxy 1.7 1.0 200 0.59 118 S
Carbon~Epoxy i.s 1.3 140 0.87 93 N :_%
Kevlar-Epoxy 1.35 1.5 80 1.1 58 SR
Glass-Epoxy 2.2 1.09 39 0.5 18 @
SR

TABLE III : '

i

-y

Comparison of mechanical properties of composites
and some metals alloys.

PRy

Glass fibres are of course insulators and composites based on thege fibres have found important appli- v
cations as such in electric motors, generators and as insulation for high voltage power lines. Both types
E and § glass fibres are used in the aeronautic industry, increasingly with an epoxy resin matrix. Applica- - '1
tions include, rocket motor casings made by filament winding, rocket launchers, aircraft flooring and a most 1
important use in helicopter blades.

The replacement of metal helicopter blades by one made from composite materials has revolutionised
helicopter blade technology. The average lifetime of such blades is now longer than the expected lifetime of
the aircraft. In addition any damage to.the blades becomes evident by a fall in their flexural rigidity
which is easily seen. Although other types of fibre are now included in the make up of these blades glass .‘
fibres remain the most important element and the advantages of composites was demonstrated on wholly glass
fibre reinforced resin blades. That composites have proved to be such an outstanding success in a structure - '1
which is subjected to extreme loading and vibration conditions and one which requires such high reliability




is a major achievement (15).

BORON FIBRES

Boron is the fifth element in the periodic table and is the second lightest element which is solid at
room temperature., The lightest solid element,beryllium, is unsuitable for making fibres as it is very fragile,
has less than remarkable specific properties and is toxic. In the early 1960g,it was therefore considered
that boron, which could be made into fibres, had an assured future as reinforcement in advanced composites.
Several years after the appearence of boron fibres came carbon fibres which have however replaced the boron
fibre in nearly all the applications originally forseen for them. They are still used however in some struc-
tures and do possess remarkably high mechanical properties.

Boron is too hard and brittle to be drawn into filaments and so is made into fibres by interacting
hydrogen and boron trichloride at 1500° K so as to deposite boron on to an electrically heated tungsten wire,
as shown in Figure 10. The tungsten filament has a diameter of the order of 10 ym and is itself a costly
item. The surface of the tungsten wire is not smooth and it is on the peaks of the irregularities that the
deposition starts. This leads to the possibility of defects in the form of voids developing at the tungsten
boron interface as the boron nodules develop (16). Fibres are produced at a speed of the order of 150 meters
per hour and during the time that the tungsten wire passes in the deposition chamber a boron fibre of usually
140 ym or 200 um is produced by the growth of boron nodules. The surface of the fibre reflects the nodular
make-up of the fibres and the irregularities in the surface are the major source of breaks (17). It is for
this reaon that precise temperature control is required during manufacture as the rate of a nodule growth
would lead to greater local surface irregularities ans stress concentrations. This effect is particularly
pronounced if a cheaper carbon fibre substrate is used as local hot spots occur on the carbon fibre during
electrical heating.

Hy4BClg HCI

FIBRE W II

Hg Boron Fibre
wound onto drum
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FIGURE 10: Schematic view of boron fibre production.

Early production techniques produced boron fibres of 100 um diameter but these were found to split
longitudinally (18). This problem was resolved by moving to the bigger diameters of 140u m and 200 ym
although if these fibres are compressed during composite manufacture they can also split (19).

The boron fibre is therfefore a composite structure in itself. The small boron atoms prenetrate the
tungsten core during deposition to form tunsgten borides and the swelling which results puts the core into
compression whilst the boron in the neighbourhood of the interface is put into tension. A final quenching
stage puts the fibre surface into compression.

Boron fibres are particularly interesting for metal matrix composites and two versions of the fibre are
produced for this purpose. These fibres either have a surface layer of boron carbide (B4C) or sxlxc?n carbide
(SiC) which prevents degradation of the boron by interaction with the metal matrix during hot pressing.

Boron fibres are by for the thickest fibres used normally for composites having a diameter of 20 times
that of a carbon fibre. It is probably because of the difficulty of bending the fibres that they are so
strong in compression. The fibres are also strong in tension and have a very high Young'sModulus as can be
seen from Table 1.

Although boron fibres can be put into a wide variety of matrices and have reinforced epoxy resins for
certain aircraft structures, their main interest is for metal matrix composites. There are no great diffi-
culties in producing boron fibre reinforced aluminium or titanium as is the case with other fibres such as
carbon. Boron fibre reinforced aluminium in the form of tubes plays a vital role in the structure of the
American space shuttle and there is interest in using such tubes in aircraft undercarriages.

CARBON FIBRES

Since their introduction in the late 1960 s carbon fibres have not ceased to increase in importance in
the aerospace industry and ara now being studied closely by other types of industry.

Carbon fibres are in a sense one of the oldest types of synthetic fibres as the filaments in the earliest
electric light bulbs were made by the carbonisation of cotton fibres. Present day high performance carbon
fibres are made by the carbonisation of the organic fibre polyacrylonitrile which is not allowed to contract
during the process.

Polyacylonitrite has a molecular make up as shown in the first stage of fibre production shown in Figure
11. It is a fibre which has an atactic structure but which never-the-less can be arranged by drawing so that
the long chain molecules are almost parallel to the fibres axis. The fibre does not melt but carbonises on
heating which is also the case of rayon, another fibre which has been used for carbon fibre manufacture but
which is rarely now used.
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FIGURE 11 : Initial stages of the conversion of polyacrylonitrile into carbon fibre.

The polyacrylonitrile is heated in an inert atmosphere to around . 250°C which produces the ladder type e
arrangement shown in the second stage of fibre production in Figure 1]. Further heating up to about 600°C N
in air oxidises the structure as can be seen in Figure 1l. Further heating still, above 1000°C, produces a AR,
carbon fibre. A findl process is a surface treatement by oxidation to improve bonding with the matrix. L
Figure 12 shows that the findl mechanical properties obtained are strongly dependent on the findl temperature e
attained. The strength of the fibre passes through a maximum around 1500°C whilst the Young's modulus
increases continuously with increasing temperature (20). In this way it is possible to obtain a family of o
fibres. In general two types of fibre are considered. Those which are produced around 1500°C are known as el
high strength fibres and those at 2000°C or abcue high modulus fibres. It is common amongst some research o
workers to speak of graphite fibres and to use the term indiscriminantely for both types of fibres. As .
graphite implies a certain type of structure it should only be used for the high modulus fibre which can be

assumed to have a structure more closely resembling that of graphite than is the case for the high strength e
fibre. L
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FIGURE 12 : The properties of carbon fibres depend greatly on the temperature of pyrolisis.
The possibility exists of making carbon fibres from the residue left after refining oil. These fibres - -~

made from pitch should become interesting if a large volume market develops for carbon fibres as under
these conditions this type of fibre could be considerably cheaper than the fibres made from PAN (21). Carbon ‘
fibres are fine, having a diameter of about 7 um and although this means that each individual fibre breaks L
at a low load it does mean that they are very flexible and can be wound around complex preforms. The fibres
are made in bundler of 1000, 3000, 10000 fibres and for some uses in 160 000 or 320 000 fibre tows. Only
the finer tows are normally used in the aerospace industry.

Carbon fibres are usually used together with organic matrices both thermosetting resins and thermoplas- L
tics and there is some interest in putting them into an aluminium matrix (22). Corrosion in the presence of -
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humidity is one problem where carbon-aluminium is concerned as a voltaic cell is set up between fibre and
matrix. Carbon fibres can also be used to reinforce a carbon matrix and the carbon-carbon composite can be
used to very high temperatures in excess of 3000°C.

The expansion coefficient of carbon is not constant but varies w%th femperature. In a direction
parallel to the fibre axis the coefficient is negative being - 3 x 107/ K™'at -150°C and - 10 x 10-7k-! at
150°C. variations in the radial direction are from 2 x 107K~ lat -175°C to 7.5 x 10-5k~!at 150°C. These
variations are not linear but follw S-curves. This gives the designer the possibility of producing a com-
posite with a yrequired expansion coefficient by using the fibre orientation to control the coefficient of
expansion. In this way it is possible to envisage a carbon fibre composite with a zero expansion coefficient.

Carbon fibres are finding increasing numbers of applications in and outside the aerospace industry
because of their high specific properties. The aerospace community now seems to have accepted carbon fibre
reinforced plastics as an almost traditional material and it is being used in increasingly critical areas
including fuselage and wing sections (23). The original uses of carbon fibres reinforced plastics in aircraft
were as secondary components such as access panels, speed brakes, rudder and elevator components and wing
tips. Now it is predicted that carbon fibre composites will make up 40% by weight of the next generation
of military planes, leading to 20-25% weight saving and a cost saving of 5-10%.

HIGH TEMPERATURE AND CERAMIC FIBRES

It has already been mentioned that carbon fibres may be surrounded by a carbon matrix and that the
resulting carbon-carbon composite can be used at extremely high temperatures in excess of 3000°C. There are
two other main candidates as reinforcing fibres for composites for use in the temperature range around 1000°C.
These are aluminia fibres and silicon carbide fibres.

Aluminia has a melting point at 2045°C and can be made into fibres of which one is the Du Pont's F P
fibre. This fibre is one hundred per cent «x-aluminia with a purity in A120 of 99%. The manufacturers claim
a Young'smodulus of around 350 GPa, a breaking stress of about 1500 MPa ana a density of 3.9. The fibres
are extremely bittle and difficult to handle although they can be woven into a cloth (24).

They have a diamenter of about 20 um. These aluminia fibres may be of interest in reinforcing metals
for use at temperaturesup to 700-800°C.

Nicalon is the name given by Nippon Carbon Company to their silicon carbide fibre made in an analogous
manner to the carbon fibre by pyrolysis of an organic precursor which is a poly carbosilane, crosslinked
at 200°C then heated in an inert atmosphere to 1300°C (25,26).

or (GPa)

1 A Argon
) ® Air
A4
N NI P Y N A " 1 . " MU
o 1000 T( C)

FIGURE 13 : The strength of SiC fibres as a function of temperature.

As Figure 13 shows the fibre retains most of its strength up to about 1000°C althrough above this tem—
perature the fibre's properties fall off sharply (27). The behaviour of the fibre above 1000°C and an analysis
of its structure shows that the fibre is not pumSiC however it is thought that it may well be of use in
reinforced ceramics for high temperature applications.
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THE ROLE OF THE MATRIX
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SUMMARY

A composite material is composed of fibres enbedded in a matrix. Usually, altbough not always, the
mechanical properties of the fibres are greatly superior to those of the matrix which is usually weaker and
more extensible. The role of the matrix is to transfer the load applied to the composite to the fibres and
the matrix is rarely expected to support direct tensile loading. Load transfer into and between fibres is
assured by shear deformation of the matrix around fibres. If the number of fibres in the composite is too
low and the distance between fibres too great reinforcement does not occur. The quality of the adhesion
between fibre and matrix plays an important role and the failure of this interface or of the matrix near the
interface may be used as a crack stopping mechanism. In this way the fatigue properties of the composite
may be influenced. Most composites are based on organic resin matrices but metal, carbon and ceramic matrices
for higher temperature applications are also mentioned.

INTRODUCTION

Composite materials consist of fibkres surrounded by a matrix. Usually it is the fibres which attract
most attention as composites are often a means of making a structural material having as high performance
properties as possible, which is to say attempting to approach those of the simple fibre. For this reason
a high fibre volume fraction is used of about 60Z. In order to calculate the maximum possible fibre volume
fraction consider the two fibre arrangements shown in Figure 1. With an hexagonal arrangement it is theo-
ritically possible to fill more than 907 of the composite volume with fibres and more than 75% with the
square packing arrangement (1).

e'e'e’e’e’e
B
0je/00/0/00'0.0'0
o'0’e’e’e’e’e’e’e’e

FIGURE !: Ideal fibre packing arrangements. The hexagonal arrangement shown in
a) could lead to a maximum fibre volume fraction of more than 907 and the square arrangement
b) to more than 75%. The values are never attained however and 60% is more common.

Composite materials nmever have such high fibre volume fraction because of the difficulty of squeezing
the matrix between the fine fibres due to surface tension effects. If such high volume fractions were
attainable they would in any case be undesirable as at the points of contact between fibres there would in
effect exist a small crack due to the absence of the matrix.

CONTINUOUS FIBRE COMPOSITES

1f an unidirectional composite, reinforced by continuous fibres and loaded parallel to the fibres, is
considered the roles of the matrix and fibres are clear, Figure 2 shows that the load is shared between the
fibres and the matrix in proportion to their respective cross sections.Assuzing a good bond between the
fibres and the matrix the strain produced in the composite is that produced in the fibre and in the matrix
so that :

€. =€f =€ (1)
and the load on the composite is the sum of the loads on the fibres and matrix so that:
O, A= OgAe + 0 Ay (2)
vhere the subscripts c,f and m correspond respectively to composite, fibre and matrix;
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L o is stress
€ strain

and A the cross sectional area.

As the fibres are continuous in this case the volume fractions are given by

) Ag Ay B
! Vem % and V, = A, (3) -
: From equations (1), (2) and (3) we can write )

'

a
.LQ. .‘. A. e {LAA;.;.

O, = 0gVe *+ 0 (I-Vf) (4)

and from equations ! and 4

1 ‘
{
«

E, = EV; +E (I-Vf) (5)

Where E is the Young's modulus.

Equation 5 is known as the law of mixtures (2).

{
. -
l i
& i
[ FIGURE 2 : Continuous fibres embedded in a matrix to make an unidirectional composite. ]
- !
It can be seen from the above simple analysis that the matrix does not play a very important role. A 'T‘::

typical epoxy resin is the Ciba Geigy 914 which has a Young's modulus at room temperature of about 4.0x103Mpa - ..,;

compared to the Young's modulus of acarbon fibre which is 2.4x105MPa for the high strength fibre and N -\

4.2x10°MPa for the high modulus fibre. The strength of this resin in 50 MPa compared to 28x102MPa for high TR

strength carbon fibres and 20x10°MPa for high modulus carbon fibres. Figure 3 shows schematically the shared
loading between fibre and matrix.
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L] FIGURE 3 : Load sharing between the fibres and the matrix. "_
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The analysis of stresses and strains given above is oversimplyfied as it does not take into account .
the Poisson's ratios of the compoments and a more detailed consideration to the deformation of laminates is ) .
given elsewhere (3). l

The role of the matrix is not however only to £fill in spaces between the fibres, but to assure load
transfer between them. In the unidirectional composite this load transfer isolates fibre breaks in a small

section of the composite. N
In order to better understand this effect consider the behaviour of a simple fibre bundle with no N )
matrix. -

The behaviour of a simple fibre bundle is influenced by two probability distribution functions (4) the
most important of which, when considering composite theory, is the distribution of strengths amongst the C 1
fibres making up the bundle. This is usually a Weibull distribution. The second distribution describes the I
variation of fibre lengths in the bundle which accounts for some fibres being loaded before others. Under
applied load conditions the failure of one fibre results in the load previously supported by that fibre
being transferred into all of the other fibres over their entire length and so the likelyhood of their ---.‘«'
failure occuring is increased. The next fibre to fail will do so at its weakest point. The breaking points
of individual fibres are determined by the distribution of defects on or in the fibre and so the site of . E
this second failure will be independant of the location of the first. The remaining intact fibres will be . ‘
further loaded and again the probability of their failure is again increased. The sites of fibre breaks in -
a bundle will be randomly distributed over the whole bundle gauge length unless some interaction of fibres
occurs which leads to load transfer between fibres.

—r

NS

If now a fibre bundle embedded in a matrix is considered, the adhesion between fibre and matrix and -
the shear stresses set up around a fibre break provide the means of transferring load to neighbouring fibres. N
The increase in load in a broken fibre due to this process is linear for an elastic fibre embedded in a
plastic medium as will be discussed later.

The result of the effect of the break is therefore restricted to a section only of the composite. Rosen
presented this picture of unidirectional composite failure and considered the case where all the fibres
in the section shared in supporting the additional load (5). The composite can now be represented by a
chain of fibre bundles in which failures occur but which are isolated from the effects of other failures in
neighbouring sections. The effect of stress concentration in the section around a break was considered by
Zweben (6).

Figure 4 shows schematically how the load transfer due to the shear of the matrix around fibre breaks
allows more than one break to occur in a fibre

.,v _
e A

—
e 0 >
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@ Fibre breaks -
A Weak point
FIGURE 4:
a) Breaks of fibres in a fibre bundle lead to them playing no further role in load sharing over their
whole length. As they are completely unloaded a second failure at the next weakest point is not normally

possible. The remaining intact fibres are required to support the load previously taken by the broken fibres -
in an applied load test.

b) A chain consisting of fibre bundle links with mechanical joins between them behaves differently
from a continuous bundle. Each break is isolated in its link and the stress increase in the remaining intact
fibres in the link is that due to supporting the load carried in only one instead of all the fibres.

¢) A composite can be considered to be analogous to the chain model in which load transfer due to the
matrix defines the link length. As fibre breaks are isolated a fibre can fail more than once. Y

The effect of a viscoelastic matrix on Rosen's model was studied by Lifshitz and Rotem (7) who conclu-
ded that delayed failure could be explained by considering the viscoelastic behaviour of the matrix. Fibre
breaks which are isolated in different sections could interact by relaxation of the shear stresses around
breaks and the subsequent lengthening of the load transfer length. In this way the probability of fibre
failure in two neighbouring sections would be increased as a function of time.
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FIGURE 5 : Stress distribution at two instants of time in three neighbouring fibres two of which are
broken. As the matrix relaxes the initially isolated fractures interact as the load transfer
length increases and the third, intact fibre experiences increased stress over a longer length.

e

Fibre breaks which are initially isolated may interact after sufficient time because of viscoelastic
relaxation of the matrix leading to longer load transfer lengths. This has the additional effect of sprea- S
ding the load concentration on neighbouring fibres over a greater length so leading to an increased proba- ) 7
bility of additional fibres failures. :

The derived equation for the composite strength F (o) is a function of time (t) was given as: ]
T o
_ B8 _ - 1 o(t) 46 E

(-7 Epifin (1-7 @)= () (6) |

Where § is the Weibull shape parameter for the strength distribution
oXthe most probable failure stress in the weakest link elastic model
O¢ the stress on an intact fibre at time t.

)

It was found that this model could be applied to unidirectional glass reinforced epoxy resin, which
was found to fail under creep and relaxation conditions as a function of time as described although at rather
shorter life-times than predicted. It was suggested that the difference between theory and practice was most
probably due to simplifications in the model.

PP VIS TR

An analogous line of reasoning is leading to a means of determining the minimum lifetimes of carbon
fibre filament structures by taking into account the possibility of delayed fibre breaks occuring because .
of the viscoelastic behaviour of the matrix (8). It has been shown that unidirectional carbon fibre reinfor- p
ced epoxy resion when subjected to steady or constant amplitude loading in the direction of the fibres can S
fail after some delay. Conventional means of detecting creep deformation such as by strain gauges or by - 1
extensiometry fail to reveal any evolution of the material although as failures sometimes occur it is clear
that some form of degradation must be happening (9). Monitoring by acoustic emission does however reveal that
activity continues under steady loading (10). These delayed failures must be due to the viscoelastic behaviour L
of the matrix as tests on simple carbon fibres reveal perfect elastic behaviour. : 3

It is considered that in the unidirectional carbon fibre composites the principal source of emissions ;

are the failure of fibres which initially occur all over the specimen (11). Under steady loading these . ]
emissions obey the following relation; L
T - o (7) ]
dt t+T)0 . 9
Where N is the number of emissions ]
* T a time constant
L n a power less than |
[ A a constant which depends only on the applied load. L4
- = -
3

The value of n for undirectional specimens has been found to be very nearly 1 so that if np is putequal
to unity we can write

dt T N
In () = 1n (=) + — (8) .
1
v d LA
indicating a linear relationships between 1ln St and N under steady loading. Figure 6 shows that although -

the variations in strain are negligable and lie within the bounds of experimental error acoustic emission
activity continues and reveal that internal damage accumulation continues to occur.
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F‘ error the acoustic activity reveals that internal damage accumulation is occuring.

quantified. If the fibre bundle chain model is taken as a reasonable picture of composite failure the
3 emission must represent the integral failures occuring in all the sections or links. The strengths of the
fibres in a bundle obey a Weibull distribution of the type

-, f=fy 6
= - =i
Ngy =N C1-e () (9

In which N(f) is the number of broken fibres

No the total number of fibres in the bundle

f the load applied to each fibre

fy, and f, constants

8 the Weibull shape factor.

1f the first fibre break occurs near to zero load which is a reasonable assumption then we can put
fy = O so that the load applied in order to break N(f) in the bundle is

N 1/8
fwy "o (10 (%) D) (105

and the load applied to the bundle is P

_ _ - N N 1/6
P—(NON(f))f(N) (NoNf)fo(Ln(N—o-_—g-;) ) (i)

elastic properties can best be seen by considering the result of applying a steady load P| which is less

3

the fibres., If the behaviour were completely dominated by the elastic fibres ao further damage could be

. Acoustic emission activity obtained with an unidirectional carbon fibre reinforced epoxy specimen under
4 steady loading. Even though the variation in strain is negligable and lies within the bounds of experimental

The use of acoustic emission technique allows the accumulation of internal damage to be monitored and

that the breaking load Pmax. Fibres are broken during loading because of the spread of properties amongst

The form of this equation is shown in Figure 7 and passes through a maximum. The effect of the visco- f

expected under the steady conditions however damage does continue to occur and accumulates at a rate given

by equation 7. Under a loading of P max the critical damage level at which unstable failure occurs is at

the level C. Under all loads less than P max the specimen can sustain greater damage and at level Pl it is

necessary to attain damage level B for unstable failure to occur. The whole master curve given by equation

11 is difficult to obtain in practice however the curve up to failure at P max is given by acoustic emission.
q In this way a conservative measure of time to failure can be calculated by choosing damage level C as the

maximum possible damage level.

"

It has seen that the role of the matrix under these steady loading conditions is to produce further
damage accumulation and that this damage is that which could have occured at higher loads during a simple
tensile test. This is shown when a creep test is interrupted and further tensile loading continued as no
acoustic emission is recorded for a significant increase in load.
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FIGURE 7: LOAD ON BUNDLE
Master damage curve tor a bundle or a section of an unidirectional composite. The load which the
specimen can safely support passes through a maximum as damage increases.
LOW FIBRE VOLUME FRACTIONS ’
- ':.‘
The properties od the matrix and of the reinforced fibres are very different and almost invariably
the matrix has a greater strain to failure do the fibres. In composites where the fibres dominate the -
breaking strain of the composite is that of the fibres. The pysical mechanisms involved is that the matrix ~'3
reaches its breaking strain locally around fibre breaks but that the breaking strain of the wole composite T
specimen is that of the fibres. In consequence at low.fibre volume fractions the law of mixtures is not 4
applicable., The resin is under a stress of om at the breaking strain of the fibres but the unreinforced )
resin breaks at ou. Figure 9 shows that as the fibre volume fraction is increased the strength of the -
composite at first decreases as the fibres are too for apart to permit load transfer and reinforcement. In 9
this way the fibres behave at first only as holes in the matrix and a critical fibre volume fraction must - 1
be reached before the composite attains the strength of the matrix. 1
:1
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Composite strength as fibre volume fraction is increased. ] v
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SHORT FIBRE COMPOSITES

Composite materials may be composed of short stiff fibres embedded in a more extensible matrix (2). In
order to understant the mechanism of reinforcement by short fibres consider the situation shown in Figure 9
which representes a short fibre surmounded by a cylinder of matrix. The unreinforced matrix when subjected
to a given stress undergoes an uniform displacement of (V). The matrix at a distance from the fibre in
Figure 9 undergoes this deplacement V but the matrix in the vicinty of the interface is prevented from
deforming freely and follows the deplacement of the fibre because of the interfacial bond.The fibre deforms
very little because of its high Young's modulus.

FIGURE 9:

Load transfer from the matrix into a short fibre due to shear of the matrix around the fibre.

The shear loading produced in the matrix around the fibre generates a load P in the fibre and produces
a displacement u so that;

dp
dx

consider an elastic fibre embedded in an elastic matrix so that

= H (u-v) (12)

du
P EfAf ( = ) (13)
Where x is the distance from the end of the fibre.For a steady load applied to the unreinforced
matrix

dv  _ -
w - e constant (14)

From equations 12, 13, 14 we have

7 = H () - e} (15)

dx EeAg

Equation 15 can be resolved by the substitution

P= EfAfe + R Sinh Bx + S Cosh Bx

R and S and constants and P = 0 et x = 0 and 1

The stress in the fibre at point x is given by

_ __Cosh (t/2-x) ) (16)

o.=E.e (1
x Cosh B 1/2

f

The relationship given by equation 16 shows that the load supported by the fibre increases from the
ends of the fibre attaining a maximum at its centre at 1/2. Equation 16 shows that for the fibre to deform
to the same degree as the composite and 0x/Eg = e the function in brackets must reduce to unity. In this
way it can be seen that only a continuous fibre can fulfil this condition and that short fibres cannot
reinforce a matrix as efficiently as continuous fibres.

Continuing the analysis it can be seen that the shear of the matrix is a maximum at the fibre ends
decreasing to zero at the central point of the fibre. The shear stress field is given by:
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" "% . &, ( Sioh BC/2-x) 3(1/2 x) (17)
To Cosh B7/2
Where r(t) is the shear at a radial distance r from the fibre axis

Gm is the shear modulus " .4
-

It is possible to show that the parameter 8 is given by
cm 21 12 -
B = 3 ( - ) (18) A
f Af 1n (R/ro) _;,_,‘;
. 4

and that the greater Gm/Ef the greater the rate of load transfer into the fibre.

In the case of an elastic fibre embedded in a perfectly plastic matrix we can write by a simple
equilibrium of forces '

dp : - g
o " -zﬂro T(vt) (19)

Assuring that the matrix has reached its elastic limit in shear 'ry we can write

P=2Hr'tx]x and ox = — = 2 Tiro T
o'y o Af T2 y .
o g™
that 2
so tha o = r‘;,‘x (20) R
o
From equation 20 we can see that im this case the stress tranferred into the fibre increases linearly
from the fibre ends until it reaches the stress 0« applied to the composite as shown in Figure 10. .
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FIGURE 10 - - )
Load transfer into an elastic short fibre embedded in a perfectly plastic matrix ot
In the case of fibres which are longer than the load transfer length there exists a length of fibre )
which supports a steady load, chat load which a continuous fibre would support. This means that the fibre .
may break in the central portion if the applied stress reaches its breaking stress.
A critical length lc exists when the maximum load which can be transformed into the fibre is its
breaking stress. All fibres shorter than the critical length are destined to be pulled out of the matrix
during final failure of the composites. The critical case is described from equation 20 when
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Short fibres are not necessarily added to a matrix material in order to produce a higher strength
composite. In the case of fibre reinforced cement the fibre volume fraction is very low around 7% and, as
is usually the case the fibres are randomly orientated at least in two dimensions. The role of the fibre
in this type of compositeis to increase the toughness of the matrix. This they do by bridging the micro-
cracks and preventing them opening and so further propagating. On failure of the composites the fibres
usually have to be pulled out which again increases the energy to failure (12).

SOME MATRIX MATERIALS

Polyester: the most widely used resins used as matrices for composites are the polyesters the structure
of which is based on the recurring ester group —-Co-0 (13). Polyester is the main matrix material used with
glass fibre reinforcement. They are still being developped and improved upon. They are a thermosetting
resin and by modifying the way that cross linking is induced matrices of different properties may be pro-
duced so that a general impression of this type of resin is difficult to give. However polyester resins
are amongst the cheaper resin systems available providing good mechanical and chemical resistant properties
at moderate temperatures, usually not higher than 100°C. Polyester have low viscosity before crosslinking
takes place and wet well glass fibres. The main weaknesses of these resins are, a generally high shrinkage
rate during curing which can produce buckling of fibres and hence lower composite strengths especially in
compression; sensivity to some aggressive solvents and chemicals especially alkaline and basic media, appre-
ciable water absorption and resulting irreversible degradation.

Epoxy resin : the most common form of matrix for advanced composites are the epoxy resin systems. These
resins are thermosetting materials based on reactions with the epoxide group. —HE-QH and their properties

may be greatly varied by modifications to the basic chemical structure. Hardening by "crosslinking of the
epoxy resin occurs through the reaction of the epoxy group with an ~dded curing agent, hardener or catalyst.
The type of hardener used may influence greatly the properties of the resulting composite. For example it
has been shown that simply by changing the hardener used from a diamine to a dicyandiamide to an anhydride
can greatly influence the water absorption behaviour of a composite (14). Epoxy resins have proved to be
extremely versatile in processing and curing. They do not present the problem of shrinkage during curing,
they are relatively strong provide good bonding with most fibres and are chemically resistant.

Higher Temperature Resins : the most wide known matrix materials for use at temperature above about
150°C are thepolyimideresins which can be used up to around 300°C. As with most specialised resin systeps
polyimides are difficult or at least complicated to fabricate as they require very careful control’during
the fabrication proceedure.

Phenolic resins can also be used up to 300°C and for transient exposure up to more than 1000°C when
reinforced with asbestos fibres. High moulding pressures and temperatures are required with these resins
to achieve full cure and to eliminate void formation. Post curing at temperatures up to 250°C may follow .
Phenolic resins are resistant to water solvents and most acids. They are sensritive to alkaline solutioms.

Silicone resirs are based on the polymer- chain (-0-S$i-0-) and can be used up to 250°C for long exposure
times although their initial mechanical properties are lower than some other resins. Silicone resins have
excellent resistance to water and oxidation.

Metal Matrices : Metals offer the possibility of creating composites which have inherantly greater
matrix strengths than is possible with organic resins. In addition a metal matrix increases the toughness
and temperature range of composites. The difficulties in making metal matrix composites are that few of the
reinforcing fibres can be successfully embedded in them. By far the easiest type pf fibre for use in a
metal matrix are the surface coated (34c or SiC) boron fibres but they are also the most expensive and
least used at present. The most common metal matrices are aluminium alloys in particular the 6061 and 2024
alloys and boron reinforced composite may be made by hot pressing around 580 - 610°C. At these temperatures
the aluminium is in a semi_ -liquid phase. Such a composite retains its room temperature properties at 300°C.
Another possible metal matrix is the Ti6Al4V titanium alloy which however requires hot pressing at 900°C.

Carbon fibres can be embedded in aluminim alloys but first are usually coated with nickel or silver to
avoid galvonic corrosion between the carbon and the aluminium. The main interest of this type of composite
lies in the avoidance of problems of outgassing under conditions of vacuum and alsoc the possibility of
creating composites with very low coefficients of expansiomn.

Very high Temperature Matrices : Fibre reinforced ceramics seen to offer the possibility of composites
capable of withstanding temperatures up to 1300°C. The main candidates for this type of composite are the
SiC and Si,N, ceramics reinforced with SiC or Al,0, fibres. The interest of this type of composite is yet to
he proven as the role of the fibres may be very aigfetent from that which is the case for organic matrix
composites. This is because it is no longer the case that the mechanical properties of the matrix are very
different from those of the fibres. It may be that the principal role of the fibres is to hinder crack
propagation.

Temperaturesup to 4000°C cin be supported by composites consisting of carbon fibres embedded in
a carbon matrix. The matriv .s produced either by pyrolisation of an organic matrix or by chemical vapour
deposition. These composites have extraordinary thermal and mechanical properties althrough at high tempe-
retures suffer from oxidation in the presence of oxygen.

(1) M.R. Piggott, "Load Bearing Fibre Composites" Pergamon Press ( 1980 ) 85.
(2) A. KELLY " Strong Solids " Clarendon Press, Oxford (1966) 121-166

(3) S.W. Tsai and H.T. Hahn "Introduction to Composite Materials" Technomic Publishing Co,Westpoint U.S.A

(4) D.G. Harlow and S.L. Phoenix "The bundle chain probability model for the strength of fibrous materials"
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Micromechanical Models for the
Stiffness and Strength of Fiber Composites

R. Byron Pipes
University of Delaware, U.S.A.

Introduction and Nomenclature

Combinationsof fibrous materials in polymeric matrices yield composite materials with
performance characteristics which cannot be achieved by the constituents acting individ-
ually. The properties of these "new" materials can be adjusted by modifying the proper-
ties of each phase or by changing the composition proportions. This yields families of
materials possessing a variety of material properties and allows for simultaneous design
of both material and structural geometry.

Design and analysis of composite materials and structures proceeds at several scales.
First, the field of micromechanics' examines the individual roles of fiber and matrix in
determining bulk composite properties. Contemporary micromechanical models capable of
predicting transport properties of composite materials consisting of collimated fibers
in isotropic matrices (unidirectional lamina) will be discussed later in this lecture.
The second scale of examination is often termed minimechanics. At this level the influ-
ence of the unidirectional lamina and its orientation upon the properties of the multi-
directional laminates is investigated. By varying the orientation of laminae it is
possible to produce laminates of widely varying properties. Finally, the multidirec-
tional laminate is viewed as a homogeneous material at the macromechanical scale where
the geometry of the structure is designed.

Since fibrous composite materials are made of high performance fibers and compliant
polymeric matrices, it is not surprising that their effective bulk properties differ
when measured parallel and perpendicular to the collimated fiber direction. Materials
whose properties vary with direction are termed anisotropic. Anisotropic materials
exhibit unexpected behavior which can be important in their analysis and design. There-
fore, the next section of this lecture deals with the mechanics of anisotropic materials.
One of the important consequences of material anisotropy is the dramatic increase in the
number of parameters needed to describe the behavior of the material. For example, the
elastic response of an isotropic material requires knowledge of only two elastic con-
stants, while 21 constants must be measured for the generally anisotropic material, and
nine constants describe an orthotropic material.

One of the major goals of micromechanical models is the prediction of anisotropic
material descriptors required in the analysis and design of composite structures. The
subsequent coupling of the various scales (micro, mini, and macro) of approach provides
an overall design methodology which can fully exploit the potential for tailoring simul-
taneously material and structure to a given application.

Anisotropic Materials Descriptors

The elastic response of a generally anisotropic material is described through the
constitutive relation (Hooke's law) which relates components of the stress and strain
tensors.

Do |
G,. = C.. e (1)
ij k=1 21 ijkf “k2

where ojj are components of the stress tensor, ¢yxg are components of the strain tensor,
and C; s are components of the fourth rank elastic constant tensor. The elastic con-

stantlgggay consists initially of 81 components, but symmetry of stress and strain ten-
sors and the requirement that the strain energy density function be positive definite
requires symmetry of Cjikgf and reduces the number to 21. It is therefore appropriate to
introduce contracted no%ation for purposes of simplification.

951 = 93 €53 = € i=123

g =g € = €

23 4 23 4 (2)
913 % 9% €13 % &5

912 T % €12 ~ %

Thus, the constitutive relations may now be expressed in contracted notation

6
g, = ] C,.e, (3)
i j=1 ij~j
The terms of the elastic constant array are termed stiffness constants since they relate
strain to stress in the same mammer a spring constant (stiffness) relates displacement
to force. If we wish to examine the inverse relation, the compliance tensor, §;; » may
be defined: J

6
€ jzl sijcj (4)
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_ =1
where Sij = Cij

Thus the compliance array is also symmetric.

(i,j = 1-6)

When materials possess elastic symmetry in material properties, the number of material
descriptors (terms of the Cij and Sij arrays) are reduced. A single plane of elastic
symmetry reduces the number of constants from 21 to 13, while three orthogonal planes of
elastic symmetry (orthotropic) reduce the number of constants to 9. When collimated
fibers are arranged in a random array, the plane transverse to fiber direction can be
viewed as a plane of isotropy. Hence the number of descriptors is reduced to 5. How-
ever, in the irterest of generality, it will be assumed that 9 constants are required to
describe the unidirectional fiber composite material.

The terms of the stiffness and compliance arrays take on physical significance only when
experiments are performed for their evaluation and engineering constants identified.
Consider the expression (4) where oj = 0 (i = 2-6). The strain €] is given as

111 or 8, = el/ol (5)

Hence, tne term Sj;; is the inverse of the Young's modulus in the "1" direction, and it
follows that:

S;; = VE; (i =1,2,3) (6)

If in expression (4) o; = 0 (i = 1-5), then

€6 = S66% (7)
Thus Se6 is the inverse of the shear modulus in the 1-2 plane, l/G12 :
Se6 = 1/612
and
Ss5 = 1/G13 (8)
S4q = /63

Finally, the off diagonal terms involve the Poisson's ratios, vij of the material. For
example:

S12 = S31 = ~V12/Ey =~V /E)
S13 = S33 = “V3/Ey = -V3,/E; 9)
S33 = S35 = ~Vp3/Ey = -V3,/E;

The stiffness constant array may be expressed in terms of the engineering elastic
constants by inverting the compliance array. However, this action is tedious and will be
deferred to consideration of plane stress conditions.

Many applications for composite materials involve relatively thin structures wherein the
assumption of planar stress state is appropriate. Under this condition the normal
stress, o3 , is assumed to vanish and the stiffness array takes on a new form:

o, = | Q. .c. (10)
o 421,2,6 133

where the terms of the plane stress stiffness array may be expressed in terms of the
original stiffness array constants as follows:

C..C.
= - —13_1_2 i.9 =
Qij cij Css (i,3 1,2,6) (11)

The plane stress stiffness constants may now be expressed in terms of the engineering
elastic constants, since inversion of the Sjj array involves only inversion of a 2x2
array.

E vy ,E
1 1272
Q = — Q - Q = T (12)
11 1 ViaVag 12 21 1 Vi2Va1
Ea
Q TV Q =G
22 Vi2va: 66 12

The plane stress and general compliance arrays are identical in the terms sll r 812 ¢
8,2 ¢ and 566 .

Since the components of stress and strain possess tensorial character, they may be trans-
ferred from one coordinate system to another. For example, it is possible to perform a
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coordinate rotation, 6, about the "3"
axis so that a new coordinate system
1'2'3' is defined as shown in Figure 1.
The stress components in the new coordi-
nate system may be expressed in terms of
the stress components in the original
coordinate system:

! = T..0. 3
H j£1,2,6 3% (13)

where the stress transformation array is
given as follows:

m2 n2 2mn

2 2 m cosf
Ti' = n m -2mn (14)
J 2 2 n = sing
-mn mn m°-n

43

Figure 1. Rotation of Axes.

The components of strain also possess tensor transformation characteristics and the

transformation array is identical to (14) for

€, = Z T, .€.
1 oi,4=1,2,6 373

For engineering shear strain, Yg ¢
€ = 2Y6 .

m n mn

T.. = n m ~mn

elasticity shear strain.

(15)

the transformation array must be modified since

(16)

2

2

-2mn

Once stress and strain transformation have been defined, it is possible to develop trans-

2mn m°-n

formation relations for the terms of the stiffness array, Qij . Consider the constitu-

tive relation given in (1).
the follcwing.

j=1,2,6
where

Q!.

4

Q!.e!l (i

11 k=1,2,s,

Substituting relations (13) and” (15) into (10) results in

1,2,6) (17)

1))

TikazTigl (i,5 = 1,2,6) (18)

!
2=1,2,6

Q) = oyt + 2n’n?(Q), + 2044 + Q o0

Qi = Q) +Qy, - 4066)m2n2 + le(m4 + n%)

Qje = (@) = Q5 - 20g6)M° = (@, - @), - 205¢)n°Imn

Q) = 022m4 +2(Q;, + 2066)m2n2 + Qlln4 (19)
Q6 = ~1(Qy, - Q)5 - 2066)m2 = Q47 79, - 2066)n2]mn

Qb = (@) * 9y, - 20;,)mn® + g (n? - n%)?

In a similar fashion, the plane stress compliance array may be transformed. 1
s}y = m's); + (25, + Sgghmin’ + s, .md /
S, = (85 + 8y, - 566)m2n2 + Slz(m4 +nY
S16 = ~[(28)) - 25, - s66)m2 - (28,, - 25;, - S6G)n2]mn .
Sj2 = 'Sy, + (25, + Sgein’n® + 5 n’ (20
Sy = [(28,, - 25,, ~ s“)m2 - (5511 -8y, - 866)n2]mn
Sge = 2(25), + 25,, - 45, - S, m’n? + s (nt + 0t

]
ek aad Baid

Sl 2d h

M ala

PEPCWE

¥ i

o




- ——— e e v v M T i e v = == - - -

44

Mechanics of Materials Models

It is clear from the previous section that development of models for prediction of the
bulk properties of a fibrous composite material in terms of constituent properties is a
desirable objective. The central problem of a micromechanical analysis is the specifica-
tion of an internal stress or strain field within the heterogeneous continuum which is
consistent with the external field imposed on the macroscopic body. The internal stress
and strain fields in a heterogeneous body such as a fibrous composite are influenced by

i) the relative magnitudes of the properties of the phases
ii) the size, shape and relative orientation of the phases
iii) the packing geometry of the phase regions

However, since the small deformation elastic properties of the composite material repre-
sent the integrated behavior of the microscopic regions, it is possible to develop
reasonable estimates of composite properties without detailed knowledge of the micro-
scopic stress and strain distributions. The simplest models for predicting thermoelastic
and transport properties may be developed intuitively by analogy. The properties para-
lell to the fiber direction (longitudinal) are taken to be determined by a parallel
addition of constituent properties

n
P= ] v.P. (21)
=1+

where v; is the volume fraction and P; is the appropriate property of the "i" phase.
Properties transverse to the fiber direction are determined by series summation of con-
stituent properties

= = — (22)
P By

These simple relationships have become popularly known as the "Rule of Mixtures." It

has been demonstrated that the Rule of Mixtures estimates for the longitudinal properties

are quite good, while the estimates for transverse properties depart significantly from
measured values.

The mechanics of materials models are iden-
tical to the parallel and series models
described above. Their derivation rests
on the assumption of a uniform state of
stress or strain within the heterogeneous
composite, and therefore it is not sur-
prising that predictions are inaccurate T
for the transverse properties. Consider
the unidirectional composite material
idealized in Figure 2. If a force is
applied parallel to the fiber direction
and the composite is assumed to experi- 1
ence a uniform axial strain, a force
balance yields the Rule of Mixtures for
the longitudinal Young's modulus, El .
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E, = Efvf + Emv

1 m (22)

where v¢ = fiber volume fraction and
vm = matrix volume fraction. When the
tranusverse strain is examined, the Rule
of Mixtures for the major Poisson's (o) (b}
ratio is determined

o

Figure 2. 1Idealized Mechanics of Material
Model for Unidirectional

V12 T V£Ve * VnVm (23) Composites
further, the longitudinal composite stress is
0] = Ggve + Opvp (24)

The effective transverse Young's modulus of the unidirectional composite can be deter-
mined by applying a force perpendicular to the fiber direction. A uniform state of
stress, 02 , is assumed through the heterogeneous medium. By summing the transverse
deformation of the fibrous and matrix phases and setting the total equal to that of the
composite, we have

€y = VgEg + Vmtm (25)

Combining equation (25) with the assumption of uniaxial stress in the phases yields the
Rule of Mixtures for the transverse Young's modulus

l/E2 = Vf/Ef + vm/Em (26)

The effective shear modulus in the 1-2 plane may be determined from the idealized model
shown in Figure 3. Shearing forces, Fg , act to produce angular deformation within each
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Figure 3. 1Idealized Mechanics of Material
Model for In-Plane Shear

Rigorous Micromechanical Models

45

phase, the magnitude of which is dependent
upon the phase shear moduli. The total
shear strain is the volume average sum

v + v Yy (27)

12 = Ve¥s m'm

If the state of stress within the phases is
assumed to be equal to the applied shear
traction, the Rule of Mixtures for the
planar shear modulus is determined

l/G12 = Vf/Gf + vm/Gm (28)

In summary, the mechanics of materials mod-
els yield the classical Rules of Mixtures
for the prediction of composite properties.
Although the predictions for “longitudinal
properties have shown good agreement with
experimental data, the gross simplifications
required in derivation of relations for the
transverse Young's modulus and shear modulus
yield them to be crude estimates at best.

The inaccuracy and simplistic derivation of the mechanics of materials models led numerous
researchers to seek improved models through more rigorous formulations. The next higher
level of formulation may be termed the self-consistent field model. Here, detailed re-
sponse of the phases are modeled, but gross simplifications in the phase geometry are
introduced as shown in Figure 4. An elasticity formulation is developed for a single

(b) doubly embedded

Figure 4. Simplification of the Geo-
metrical Model for the Self-
Consistent Field Approach

where k2 is the plane strain bulk modulus.

fiber embedded in a medium whose properties
are taken as the overall average or effec-
tive properties of the composite materials.
The doubly embedded model allows the fiber
to be surrounded by a cylinder of pure
matrix phase. A "self-consistent" stress
field is identified and the effective prop-
erties of the composite determined:

E, = E + E, v+

1£Ve 1m'm

2
40vyomV12¢) Ko onVnVs
(kog*Goapl ko + (Kyemkop) GoapVe

\Y + v v+

12 T V12fVs 12m'm

(29)

(ViomVi2g) Ko *2e)Co3nVinVe
[(kye+Goapkon + (kyp~Kop) Gozp Vel

)+(G
-(G

12¢ C%12m) Vel
12£ C%12m) Vel

[(Gy¢%C o

Gy,=G
12 12m [(G12f+G12m)

From expressions (29) it is clear that the

predictions for E] and V)3 differ from the Rule of Mixtures only by the last terms. When
the difference in Poisson's ratios of the fiber and matrix phases is small, the latter
terms are negligible and hence the simple Rules of Mixture are shown to hold for these
properties. In contrast the expression for G]2 is seen to be quite different from the

Rule of Mixtures predictions.

Perhaps the most significant rigorous models are those developed from the bounding
approach. The bounding approach avoids the problems of specifying the explicit nature
of the microstructure and the internal stress-strain fields by employing variational
principles to establish upper and lower bounds on the properties. The results of these
bounding methods can provide practical guides to material behavior only if the upper

and lower bounds are reasonably close together so as to bracket the properties to within
experimental error. The upper and lower bounds on longitudinal properties are very close
and converge to the simple results for Rule of Mixtures. Unfortunately, the upper and
lower bounds for the transverse properties and shear moduli are too far apart to be of

practical value.

Semiempirical Models

The difficulties in obtaining tight bounds or rigorous predictions for other than highly
simplified models lead to the development of semiempirical relations by Halpin and Tsai.

P_(1+Exv,) - p
T (50)
= va Pf+£Pm
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where "P" denotes property and "E" is a scaling parameter. The central feature of the
Halpin-Tsai relationship is the recognition that the properties of a composite material
lie somewhere between the primitive bounds. The scaling parameter "{" serves to adjust
the effective properties between these two limits. The role of £ is best illustrated
by rearranging equation (30) as follows

Ya
- 08 06 04 02
b < Pm[Pf-+ng-+Evf(Pf Pm)] (31) T T T T
- - P,
[Pf+§Pm ve (P Pm)] | v ’
4% | L’_EX.VL)
For §+® (31) reduces to the parallel sum tr o el ‘("xu
or Voigt bound €100 —\ 7
- £+ 10 N // [ Pg~Pa
= . . ¢ 1| X" p+eP
P Peve * Povi 7 Ere (32) b | voorr  €7° Ny I/ T
Alternately as £ becomes vanishingly small, : ,)\5\ /
the relationship reduces to the series sum -“}:}} id >SS
or Reuss bound as illustrated in Figure 5. V Prad ;{ A
- -
- ’/
1/p = v_/P_. + v_/P ; £~0 S et
ot m - m P = “REUSS”
The reinforcing factor, £ , may be treated as L ” 5= - L
an adjustable parameter whose value can be o2 vg

obtained from experimental determination of

the property of a composite at a given fiber Figure 5. Illustration of the Role of
volume fraction. Further, the reinforcing Reinforcing Factor, £ , of the
factor has been shown to be a function of fi- Halpin-Tsai Equation

ber cross-sectional shape and packing geometry

and to be different for each property predicted.

Biaxial Falilure Models

The previous discussions have shown that fibrous composites are anisotropic in elastic
properties. The fibrous phase is not only greater in stiffness than the matrix

phase, but also fibers are typically stronger than the matrix. Therefore, fibrous com-
posites typically exhibit anisotropy in strength characteristics. For example, the
strength in the direction of the fibers is typically an order of magnitude greater than
the transverse strength. Numerous models for the strength of anisotropic media subjected
to biaxial (planar) states of stress have been developed to date; however, in this lec-
ture only the maximum stress, maximum strain and quadratic criteria will be discussed.

Consider the maximum stress criterion. Failure is assumed to occur .when any one of the
stress components 1S equal to 1ts corresponding intrinsic strength property. In mathe-
matical form, the maximum stress criterion is given by:

T . _4C
0, 2%, 9, >0 ;3 0 <X/, 9, < 0
T C
O, 2 X5 4 0,20 7 0, <-X; , 0,<0 (33)
06 > x6 y 06 >0 06 < x6 . 06 <0
where the intrinsic strength properties are defined as follows:

Xf = ultimate uniaxial tensile strength in the fiber direction,

XS = ultimate uniaxial compressive strength in the fiber direction,

XE = ultimate uniaxial tensile strength perpendicular to fiber

direction,
XS = ultimate uniaxial compressive strength perpendicular to fiber
direction,

Xg = ultimate planar shear strength under pure shear loading.

For most composite material systems, the planar shear strengths are equal for positive
and negative shear stresses.

Consider the uniaxial strength of a tensile coupon wherein the fiber direction is rotated
an angle 6 with respect to the loading direction. The state of stress in the fiber
coordinate system may be determined by an appropriate coordinate transformation.

=m !
Ol g

1
0, = na, (34)
2 1
°6 = mnol'

where m = cos6 and n = sinf. 1If the maximum strength criterion is applied, three poten-
tial failure modes are identified: :

o' = x{/mz (fiber tension)

o
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xg/nz (transverse tension) (35)

Q
I

g,' = x6/mn (planar shear)

As the angle 0 is varied from 0 to n/2, the failure mode will transition from fiber
failure in tension to planar shear failure, and finally to transverse tensile failure
as illustrated in Figure 6. Note that in

the region of 6 = n/4 the data show poor 7
agreement with predictions due to the inter- 20 L’
action in failure modes which act to further =" Fiber Tension
degrade strength. 1%
The maximum strain criterion is totally an-
alogous to the maximum stress criterion. 1 4
Failure is assumed to result when any one P
of the strain components is equal to its 140
corresponding intrinsic ultimate strain. |
In mathematical form the maximum strain |
criterion is given by: 12 ‘ Boron - Epoxy
. \ AVCO 5505
T >
€y 2 € , € > o §lw \
(of a \
el_—el,e1<0 o %0 \ -
> oF >0 \ ° Tsai-Wu /
€5 2 e2 €y ; \ ———— Maximum Stress /
C \\ Transverse Tension O  Experimental /
€, 2-e, , €, <0 (36) \
\~ /
N\ Inplane Shear J/
€ 2 € o+ € 2 0 N
~ .
€ 2 "€ , E¢ < 0 2
where the intrinsic ultimate strains are 0 .
defined as follows: 0 b » 5 @ B %
T @ Degrees
€ = u}tlmatg tenglle strain in Figure 6. Off-Axis Tensile Strength of
fiber direction,
c . ) Boron Epoxy
e, = ultimate compressive strain in
fiber direction,
eg = ultimate tensile strain transverse to fiber direction,
eg = ultimate compressive strain transverse to fiber direction,
eg = ultimate planar (engineering) shear strain under pure shear stress.

It was shown in Figure 6 that a biaxial state of stress can lead to strengths which are
less than that predicted by the maximum stress criterion. The quadratic interaction
criterion was developed to provide strength predictions wherein interaction among stress
components could be considered in determining strength in a biaxial stress field. When
a planar state of stress is considered this criterion may be expressed as follows:

2 2 2
Fiog * Fp0, + FgOg * F11077 + Fp0," + Fgelg + 2F),0,0,

All of the failure constants of the quadratic failure criterion may be expressed in
terms of the intrinsic strength properties of the composite, except F

=1 (37)

12°
_ T _ C _ T, C
F, = 1/xl 1/xl ¢ Fyp = 1/xlxl
- T _ C - T,C
F, = 1/x2 1/x2 r Foy = 1/x2x2 (38)

_ + _ - +o=
Fo = l/S6 l/S6 + Fge = 1/5656
Several researchers were able to correlate expeiimental data by choosing F12 to be zero.
Actual determination of F12 , however, requires a biaxial test. 1In addition, most of
the data to date show that biaxial predictions are only slightly modified by assuming
Fi2 = 0.

Consider again the strength of the off-axis tensile coupon subjec. to a uniaxial stress,

01'. The stress state given in equation (34) may be substituted in.. (37) and the re-
sulting quadratic equation solved for the ultimate strength clkultimate)'

-B + /BZ +4A .
9) (ultimate) ~—ZA (39)

m2n2/4

where A m4/4 + F22n4/4 + F

Fi1 66

2 2 (40)
Flm /2 + an /2 + Famn/Z

B

Results are shown in Figure 6 for the AVCO 5505 boron epoxy material. Intrinsic strength
properties for this material system are given below.
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X} = 27.3 MPa (188 ksi)
x{ = 52.4 MPa (361 ksi)
X7 = 1.3 MPa (9 ksi)
xg = 6.5 MPa (45 ksi)
x6 = 1.4 MPa (10 ksi)

From these data it is possible to calculate the strength constants and to predict the
coupon strength as a function of the angle 6 as shown in Figure 6. Note the excellent
agreement between theory and experiment.

Micromechanical Strength Models

The intrinsic strength properties required in the strength models discussed previously
may be measured directly in the laboratory. However, just as there is a need for pre-
diction of intrinsic composite elastic properties, it is desirable to develop methods

for prediction of intrinsic strengths. One major difference between prediction of elas-
tic and strength properties is that strength is a local phenomenon while stiffness is

an average or integrated property. Hence, it should not be surprising to learn that
techniques which model average material response are rather poor predictors of strength.
Further, differences in tensile and compressive responses should be expected in fibrou.
materials since compressive failure may be controlled by microscopic instability of the
fibrous phase, while tensile failure for brittle material systems is typically controlled
by a local flaw in either fiber or matrix. For failures controlled by fiber stability
the importance of the local geometry may not be understated. 1In this case, the existence
of a single intrinsic compressive strength is doubtful. Nevertheless, in the spirit of
completeness, simple micromechanical strength models will be presented here.

Consider the longitudinal strength of a unidirectional composite material.

X] = (Egv, + E v )estt (41)
The relation (41) corresponds to a composite material wherein the fiber ultimate strain
is less than that of the matrix phase and both fiber and matrix remain linearly elastic
until failure. Further, the interfacial bond between fiber and matrix is assumed to be
adequate for load transfer, while all fibers are assumed to possess a deterministic and
uniform strength. Of course, these assumptions result in an oversimplified model of
strength and many researchers are actively consideriny these important variables.

Unidirectional fiber composites are weak when stressed normal to the fiker direction
since the matrix phase must support the transverse tensile stresses. Three possible
modes of failure exist for transverse tension: matrix failure, interface failure, or
fiber splitting. If discussion is limited to well bonded composites of fibers with
transverse strength exceeding that of the matrix, then:

T _ _ult.
X2 = o, (42)
where cglt' is the ultimate tensile strength of the matrix. Experimental data have

shown the composite transverse tensile strength to differ from the matrix tensile strergth

by a factor of 2.

If fiber instability controls the compressive strength of the unidirectional laminate
then the properties of the matrix phase take on importance since the matrix provides the
elastic foundation for the fiber and restrains it from buckling. 1If we assume the
buckled fiber takes on the form

v = £ sin % (43)
where "v” is the lateral deflection and "£" is the deflection half wave length, then
moment equilibrium of the fiber requires

dM dv _
d—x-v+OlAd—x-—O (44)

But both the moment and shear resultants in the fibers can be expressed in terms of the
lateral displacement, v :

2
_ dv _ dv
M= EfIf —dxz B v = AGIZ 3x (45)
where I_ = Afrfz. Combining equations (43), (44) and (45) yields the prediction
equatiog
C = -
X1 = Glz(l fo/fc) (46)

where £, is the amplitude of the initial deflection in the fibers and fc is the deflec-
tion at failure. When no initial imperfection exists (fo = 0), the compressive strength
is predicted to be equal to the composite shear modulus, Glp. However, experimentel
results indicate that the compressive strength never achieves a level equal to this value.
In addition to local imperfections in alignment (fo) it is possible that the matrix phase
initiates in the shearing failure mode. If equation (45) is solved for composite shear-
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ing stress, Sg then it is possible to determine the deflection amplitude at failure, fc¢
in terms of the initial imperfection and the ratio of shear stress and composite shear
modulus S
£.=f + 126
c o
™ 612
It is also possible to determine the critical amplitude which corresponds to flexural
failure of the fiber, assuming fiber tensile strain, e%lt- controls

(47)

2
_ 2 1217 ult.
fo=fo* g[n] ff (48)

where rf is the fiber radius of gyration. Thus, two possible failure modes determine
compressive strength for fiber instability

c _ )

Xl = Glz/[li-(nfo/l)/esj (shear failure)

C _ . .

X1 = Glsz/(fo+fb) (fiber flexural failure) (49)
and £ o= 212 zeult.

b re(m £

The compressive strength predictions (49) suffer from several simplifying assumptions,
the most important of which is the assumption of linear shear stress-strain response.
Most polymeric composites exhibit highly nonlinear shear stress-strain response. Thus
it is necessary to use the value of the secant modulus at failure rather than G12
initial.

Fipally, the intrinsic shear strength Sg is similar in nature to the transverse tensile
strength in that three possible failure modes exist including matrix failure, inter-
facial failure and fiber shear splitting. Further, a reasonable estimate of composite
shear strength is that of the matrix. However, since many matrices are brittle and ex-
hibit tensile controlled failure, the shearing strength of the matrix is taken as equal
to the matrix tensile strength. Stress concentrations due to the presence of the fibers
may act to reduce the composite shearing strength below that of the matrix material in
many cases.
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Introduction to
Thin Laminate Theory

R. Byron Pipes
University of Delaware, U.S.A.

Laminate Theory

In contrast to micromechanical models which utilize fiber and matrix properties to pre-
dict properties of the equivalent homogeneous composite material, laminate theory pre-
dicts the behavior of multidirectional laminates from the properties of individual lamina
consisting of unidirectional, woven or discontinuous fibers. The lamina is viewed as
homogeneous and possessing orthotropic symmetry and as such is the building block for the
multidirectional laminate. Laminate theory offers a systematic way to analyze the lami-
nate for prediction of properties of an equivalent homogeneous material, state of stress
and strain within each of the lamina, and prediction of failure of any lamina within the
laminate. Thus laminate properties and behavior are considered in the macroscopic analy-
sis of a composite structure wherein the fiber and matrix properties are no longer iden-
tified. Yet through laminate theory and micromechanics .t is possible to trace the ef-
fects of constituent properties upon overall structural performance.

Laminate geometry can be precisely described for composite lamina of identical composi-
tion and thickness simply by listing the fiber orientations from the top of the laminate
to the bottom. For example, the notation (0°/90°/0°]r uniquely describes a three-layer
laminate with fiber orientations of 0° and 90° with respect to the laminate principal
axis (x) as shown in Figure 1. The subscript

T indicates that the laminae noted within the
brackets comprise the total laminate. For
laminates in which the laminae stacking se-
quence is symmetric about the laminate mid-
surface, the notation may be abbreviated by
using the subscript s for symmetry. For
example, the laminate configuration [0°/90°
/90°/0°}p may be rewritten as [0°/90°]s.
Further, when a single lamina is repeated
in the sequence the nth repeat can be in-
dicated by subscript n for that lamina.
Thus the laminate ([0°/90°/90°/0°]1 becomes
{0°/90% /0°]7. Angle ply laminates such as
[0°/+45°/-45°] g5 can be abbreviated as [0°
/*45°]g. For an odd number of laminae the
midplane lies within the center lamina. A
bar is used over the central lamina to in-
dicate this; for example, [0°/90°/0°]lT be-
comes [0°/90°]g.

Basic Assumptions

When laminate thickness is small relative

to its lateral dimensions, stress components Figure 1. Laminate Configuration.
acting on interlaminar planes at interior

regions of the laminate (free edges will be treated later) are generally small and may be
neglected. Hence, the state of stress within each lamina is considered to be planar and
unique to the lamina. In addition we restrict our attention to deformations which are
small compared to the laminate thickness and inplane strains which are small compared to
unity. Further the Kirchhoff assumption that inplane displacements are linear functions
of the thickness coordinate is adopted, and therefore interlaminar shear strains are
negligible. With these assumptions the behavior of the laminate may be reduced to a two-
dimensional study of the laminate midsurface. Consider the strain-displacement relations
in the x,y,z coordinate system:

€ = du/ox : ny = 3u/dy + 3v/3x
&y = v/ dy : Yz = du/dz + dw/ax (1)
€, = w/3z ; sz = 3v/3z + 3IwW/dy

Where u,v,w are displacements in the x,y,z directions respectively. If the inplane dis-
placements are assumed to be linear functions in z, we have

u = u (x,y) + zF;(x,y)

(2)

v vo(x,y) + 2F,(x,y)

where u,, vo are the midplane displacements. Since the shear strains, Yxz and Yyz are
known to vanish by Kirchhoff's assumption

Y Fl(x,y) + 3w/3x = 0

X2 (3)

]

Y

yz Fz(le) + aw/ay

Therefore,
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Fylx,y) = - 3w/ox , F,(x,y) = - dw/dy (4)
If the thickness strain €; is negligible then
w = wix,y) (3)

Substituting (4) into (2) and the result into (1) yields the strain-curvature relations
for the laminate:

—_ ~0

€ = Ex + sz
= £° 4

€y ey zKY (6)
= @

ny ny + szy

where
s; = Ju°/3Ix ; K =~ Bzw/ax2
€g = ave/dy ; K, = - 22w/ ay? (N
2
[ - I - = -
ny = 3u°/3y + dv°/ax ; ny 2(3°w/3x0y)

The stress-strain relations for the single orthotropic lamina was given in the previous
section as equation (17). If the constitutive relation is combined with equation (6),
the following results are developed for the individual laminae:

= ] o ' ° [J
Ox = Q18x * Qafy * QgYxy * 2011, + Q1oK, + Q1K)
= ] o ] o 1
Oy = Q)afx * Q228y + QpeYxy * 2(Q1K, + Q5K + Q56K ) (8)
= J ° v o [} o
Txy = Q6cx ¥ D6y * Qe¥xy * 2(Q16Ky * QeKy *+ QeKyy)
where the x,y,z coordinate system is taken as the 1'2'3' coordinate system and Txy =
ny = Eé.

[}
Q
=

In order to describe the behavior of the
laminate it is necessary to define the lam-
inate force and moment resultants as shown
in Figure 2.

Force Resultants:

h/2 h/2
N, = I o dz H Ny = I 0. dz
-h/2 ~h/2
h/2
ny = J rxydz (9)
-h/2
Moment Resultants: Figure 2. Force and Moment Resultants
h/2 h/2 h/2
M o= J o,2dz : MY = J cyzdz ; Mxy = J rxyzdz (10)
-h/2 ~-h/2 -h/2

If equations (8), (9), and (10) are combined it is possible to express the force and
moment resultants in terms of the midplane strains and curvatures:

N, = Aj €5 + Alze; + AlGY;y + By K+ ByoKy + B 6Kxy
Ny = Alzs; + Azze; + AZGY;y + BlZKx + 8221(y + BZGny
Ney = Ajges + Azse; + Asey;y + BiK, + 3261(y + Bsﬁny an
Mx = Blle§ + Blzs; + Bl6Y;y + Dllxx + D12Ky + D16ny
My = Blze; + 8225; + B26Y;y + D12Kx + DZ2Ky + D26ny
Mxy = 8165; + 8265; + BS6Y;y + DlGKx + D26Ky + 0661(xy

The relations (11) may be inverted to yield the inverse relations:

€, = Hlle + HlZNy + H13ny + H14Mx + H, M + H, M

x 15My * HigMyy

L]
€g = HypNy + HyoNo + HysN o+ Hy M+ HygM + HyM

.1
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o -
iy = HyaNy + HpsN + H33ny + Hy M+ HygM, + HyeM o 12)
Kx = H14Nx + H24Ny + H43ny + H44Mx + H45My + H46Mxy
K, = HygN, + H25Ny * HggN, o + Hg M, + HssMy + HgeM,o
ny = H N, + H26Ny + 563ny + Hg M, + H65My + H66Mxy
where the laminate stiffness terms are defined as follows:
h/2 h/2 h/2
- ' . = ' N = -
A = J 0jdz i By j 0';j2dz i D j 0} ;2%az (13)
-h/2 -h/2 -h/2 (1,j=1,2,6)

The integration in relations (13) may be replaced by summations when it is recognized
that the Qij do not vary within a given lamina for a "n" layer laminate:

A

¥k
Ll -
i3 kZIQij(hk hy )

10" ok, 2.2
B,. =3 kleij(hk—hk_l) (14) X

ij 2

[(NE 2

Pn  [Pao [Pk Pk

21 K, 3.3
=3 kzloij(hk he-1)

D, .
ij

h h, 1h
The most important feature of the laminate 2 ! °
constitutive relations (11) is that for the
general laminate there are several coupling
phenomena which are absent in laminates of 2
a single fiber orientation or isotropic I
material. First, the Bjj stiffness terms,

known as the bending-extensional coupling

elements, relate midplane strains to moment

resultants and midplane curvatures to force Figure 3. Layer Nomenclature for Laminate
resultants. If the definition of Bjj is

examined, it is clear that a symmetric Qij(z) yields Bj3 0. Hence the bending-extensional
coupling phenomenon is only present for unsymmetric laminates. The second coupling phenom-
enon is that between extensional strains and shearing force resultant, and extensional
force resultants and shearing strains. The terms Alg and Az¢ are known as the laminate
shear coupling stiffnesses. Note should be made that when the shear coupling terms of the
Tamina constitutive relations are zero (Qjg= Q3¢ =0) then the terms Ajg , Azg also vanish.
This is tbe case for laminates with lamina of only 0° and 90°. All other angles yield
nonzero Ql¢ , Q26 However, under the conditions that for every +6° lamina there is a -6°
lamina within the laminate (termed a balanced laminate) the Ajg , A2g terms also vanish.

The final coupling phenomenon is between the twisting curvature Kxy and the moment resul-
tants Mg, My , as well as the twisting moment, Kxy and the curvatures Kx and Ky. Here the
coupling terms are Di1g and ng. Examination of the definition of Djg and D3¢ terms shows
that only for antisymmetric Qj4(z) do Die¢ and D2¢ vanish. However it can be shown that

for laminates composed of only angle ply orientations [:6°,] the Djg and D2g terms are
given as

h
The hy are defined in Figure 3. ;
_

L/

P16 = 7 %6!®

{15)

T

Dre = 7 ¢'®)

Hence, as the number of laminae, n increases, the terms Djg and D2g diminish in magnitude.

To illustrate the coupling phenomena consider a laminate subjected to a single force re-
sultant, Ny = No. In addition, if it is assumed that the laminate remains planar during
this loading the curvatures vanish, K, = Ky = Kyy £ 0. Substituting these conditions

into the first three equations of (12¥ yiede the following midplane strains:

€x = H Ny

e; = Hj NJ (16)
] -

Yxy = Hy3Ng

Note that a nonzero shear strain Y;Y results from the application of a normal force re-
sultant, No. This phenomenon is known as shear coupling and it characterizes one of the
anisotropic properties of the general laminate. If the resulting strains described in
(16) are substituted into the last three equations of (ll) it is possible to determine
the moment resultants:

t ]
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My = (B M)y + BioHyp * Byghy3iNg
My = (ByaHyy + Byollyp + BygHy3h, (17)
Mey= (Brghyy + BygHyp * Bggly3IN,

The moment resultants are nonzero and must be applied to the laminate in order to restrain
it to its initial planar shape when subjected to a uniaxial loading. This mathematical
"experiment" clearly demonstrates the phenomenon of bending-extensional coupling. Finally
consider the symmetric laminate subjected to a nonzero moment resultant, My =M, where

My = Mxy = 0. The midplane curvatures may be determined from relation (12):

Ky = HygMo
K, = Hg M, (18)
ny= H64Mo

Note that a nonzero twisting curvature, Ky, results from the application of the bending
moment, My ; thereby illustrating the phenomenon of bending-twisting coupling.

Effective Laminate Properties

When dealing with composite laminates, it is often desirable to treat them as homogeneous.
Therefore it is necessary to develop expressions for effective laminate engineering prop-
erties. For the balanced and symmetric laminates it is possible to express their effec-
tive enegineering properties as a function of the laminate extensional stiffnesses, Ajj
and thickness, h.

_ _ a2

By = (ByRyp = Ap,) /bRy, (13)
Transverse_Young's_Modulus

E = (A, .A.. - A2 )/hA (20)
Y 11"°22 12 11

Longitudinal Poisson's Ratio

“xy = An/A22 (21)
Transverse Poisson's Ratio

“yx = AlZ/All (22)
Planar_shear Modulus
ny = A66/h (23)

If the laminate is not symmetric, determination of effective properties is more complex
in that all of the stiffness terms Ajj , Bjj and Djj are involved. However, the inverted
form of the stiffness array yields the needed resulgs:

- -1
Ex = (hHll) (24)

22) (25)

Vey = -le/Hll (26)
Transverse Poisson's Ratio

vyx = -H12/H22 (27)
Planar_Shear Modulus

G, = (hH, 7t (28)
Xy 33
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For lamina properties described in Table I, effective engineering properties are shown in

Table II.
Table I. Transformed Stiffness Matrix*
_ 6 _ 6 _ _ 6
E, = 20x10 E, = 2.1x10 vy, = 0.21 Gy, = 0.85x10
L] 1] [ ] 1]
8 21 Q1 Q16 Q2 Q6 Q66
7 5 6 5
0  2.009x10 4.431x10 2.110x10 0 8.500x10
45  6.622x105  4.922x10°  4.496x10°  6.622x10°  4.496x10°  5.320x10°
90  2.110x10%  4.431x10° -6.695x10%  2.009x107 -3.611x10°  8.500x10°
*E. , G, and Q!. in psi. For S.I. units, 1 GPa= 6.895x10° psi
i 12 ij
Table II. Typical Laminate Properties
Property Laminate
[0°/45°/-45°]5 [0°/45°/-45°/45°/-45°/0]  [0°/45°/45°]
A, 3.667x10° 1b/in.**  3.667x10° 1b/in. 3.667x10° 1b/in.
A, 1.132x10° 1b/in. 1.132x10° 1b/in. 1.132x10° 1b/in.
A,, 1.685x10° 1b/in. 1.689x10° 1b/in. 1.689x10° 1b/in.
A 1.266x10° 1b/in. 1.266x10° 1b/in. 1.266x10° 1b/in.
A 0 0 9.891x1u"? 1b/in.
Ay, 0 0 9.891x10* 1b/in.
By, 0 0 0
B, 0 0 0
B,, 0 0 0
B 0 0 0
2
Bl 0 -2.720x10% 1b 0
L2
B, 0 -2.7:0x10% 1b 0
Dy, 4.822x10 1b/in. 4.822x10% 1b/in. 4.822x101 1b/in.
D), 5.301x10°% 1b/in. 5.301x10° 1b/in. 5.301x10° 1b/in.
D,, 1.032x10% 1b/in. 1.032x101 1b/in. 1.032x10% 1b/in.
Deg 6.520x10° 1b/in. 6.520x10% 1b/in. 6.520x10° 1b/in.
Dy 2.992x10° 1b/in. 0 3.989x10°% 1b/in.
D, 2.992x10° 1b/in. 0 3.989x10°% 1b/in.
E, 8.82x 105 psi** 8.78 x 10% psi 8.34 x 10% psi
E, 4.06x10° psi 3.89 x 10% psi 2.64x10% psi
Ve 0.670 0.646 0.392
v 0.309 0.286 0.124
Yx
Gyy 3.84 x10% psi 3.61x10° psi 1.97x 108 psi

**For S.I. units, 1 NM/m=1.751x10"4

1b/in., 1 GPa

= 6.895x10° pasi
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Laminate Stress Analysis

When the laminate loading conditions Ny , Ny , Nxy , My , My , Mxy are known it is possible to
determine the state of stress throughout the laminate through relation (6). Consider the
case of the [0°/%45°/90°])g5 laminate subjected to a loading. Laminate strains and cur-
vatures can be determined from equation (12). Next the stresses in the kth lamina are
determined from the lamina consitutitive relation given in relation (8). Stress continu-
ity at the interfaces z = constant is not required for the stress components oy , Oy and
Txy since they do not act on the interlaminar planes.

The stress distributions within the lami- /n

nate are shown in Figures 4, 5 and 6. As Omax
expected the stress distributions show dis-
continuities at the laminae interfaces.
This behavior reflects the significant dif-
ferences between elastic stiffness proper-
ties of adjacent laminae. Since the Kirch-
hoff assumption of linear strain through
the laminate thickness was invoked in the e o o Vo
development of laminate theory, the stress o
discontinuities do not correspond to strain

djscontinuities. Rather the laminae remain
intact and well bonded to near neighbors.
The phenomenon of delamination will be dis-
cussed in a subsequent section.

Tmax

O -05

Hygrothermal Residual Stress and Strain

Figure 4. Distribution of o, Within the
Since fibrous composite materials are pro- [0°/%45°/90°] 5 Laminate
cessed at elevated temperatures and the

polymeric matrices are hygroscopic, resid- z/h

ual stresses are induced in the multiaxial 05
laminate. In order to examine these phe-

nomena, it is necessary to revise the lami-

na constitutive relations to account for

hygrothermal strains:

g, = (

1]
x - Q1

- - ' - -
€y axT BxM) + le(ey ayT ByM) Omax

0] (1m0, T-B, M) — . . . Oy

-10 -05 X 10 Trmgr

X

Q
|

v - Qiz(ex—axT—BxM) + Qéz(ey—ayT-ByM)

+ QéG(ny-axyT-BxyM) (29)

Txy= Qis(ex-axT-BxM) + Qés(ey_ayT_ByM)

* 966 My Oy TPy -0s D

where a and B are coefficients of thermal
and mositure expansion, respectively, and T Figure 5. Distribution of oy Within the
and M are change in temperature and mois- [0°/245°/90°] Laminate

ture content, respectively. When the lamina s
corsitutive relations including hygrothermal

strains are employed in the development of

the laminate constitutive relations, effec- o
tive thermal and moisture force and moment

resultants are identified:

Thermal Force Resultants (30) 7
T

n
N o= ] (o)X~ Qi';akmi';axy) (h,-h,_)T  Tmox
k=1

—e

k k-1

n
T k k k
N, = 1 (QiZQx'*Qézay

X
y = L *036%y) PxDy-1)T , , 0

n
T k k k
ny = k£1 (Qi6°x + QéGay + QéG“xy) (hk-hk—l)T

-05
Tmax
Thermal Moment Resultants (31) f
T 1%k k, k. k.. .k 2,2
My = 7kzl(°i1°x"oi2uy4'Qisuxy)(hk_hk-l)T }

-05

Tmax

n
1 k k _k 3 2 .2
M, =3 ] (QTa_+Q)a +Qi-a_ )(hi-h’ )T
Y Iksl 127x 227y 26 xy k k-1 Figure 6. Distribution of 1 Within the

[0°/£45°/90°) Laminate

-
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T _1 ¥,k k k 2 .2

Mey = 2 k£1(016ax + Q6% * Qgglyy) (hy -hy )T

The expressions for moisture, force and moment resultants may be obtained by replacing
o by B and T by M in equations (30) and (31).

Consider the general laminate which undergoes a change in temperature T. For example,
the cooling of the laminate after processing results in negative thermal excursion.
The laminate curvatures may be calculated in relation (12) if the loading is taken to
be due to the thermal force and moment resultants. For example the curvature Ky is:

- T T T T T

K, = Hj, 24Ny + H34ny + H44Mx + H45My + H46Mxy (32)
For a xymmetric laminate, Hj4 = Hz4 = H34 = H4q = Hgs = Hgg = 0. Thus the as-processed
symmetric laminate will exhibit no curvature. Yet the unsymmetric laminate will not be
planar after processing, rather it will exhibit all curvatures, in general. Although
the symmetric and balanced laminate exhibits no curvature after the thermal excursion
it does exhibit inplane deformation:

NT + H
X

T T
o o 222%x T MWy

X
A13Ra " Ay
T T
co =ty T PioWy
y A

B1iByp ~ Ay,

° = = =
ny Kx Ky ny

(33)

Note that the inplane strains induced by the thermal excursion, T enable the definition

of the effective laminate coefficients of thermal expansion Oy

= . Aty = ANy
¥ iByyAymAYy)T
z . ALy - BN

(A)1Rp7A1 Q)T

and a_:

y

(34)

Further thermal residual stresses are induced in the laminate by the effective thermal

force and moment resultants. Consider the stresses in the kth

X _ K, _ .k T
oy = 111185 = QRN

K _ ks _ ik T

oy = 1013855 — QR0

k_ k - k T k - IS
Tey = UQ16R22 = Q36R12)Ny + (Q3¢Ry) ~ Qi6P12

lamina:
X K T 2
+ (QpR1) ~ Q1A1IN,1/(A) Ay, - Apy)

K. ok T 2
+ (Q558y) - Q12N I/ (AR5 = Ayy) (35)

T 2
INGI/ (B3R5, - Apy)

Typical thermal residual stress distributions for the [0°/%45°/90°]g laminate are shown

in Figures 7, 8 and 9.

2/h
0.50
0.251
(PSI/°F)

—- o +
-100 100
Ox
aT

-0.251

-0.80

Figure 7. Thermal Residual
Stress, Oy

z/h
0.50
0.25¢+
L]
. o (F:SI/ F)

-100 100
Oy
AT

-0.251

-0.50!

Figure 8.
Stress, Oy

z/h
0.50J
0.25
PSI/°F
: o (PSI/°F)
-100 100
Ty
aT
-0.25
-050¢+

Thermal Residual Figure 9. Thermal Residual

Stress, Txy

-~—»'.
.-
-~.....-
.

A

s -A'-




———

5-8

Laminate Strength

Prediction of laminate strength is accomplished by first determining the stress or strain
distribution within each lamina of the laminate followed by a systematic application of

a given failure criterion. Since the laminate stress state is a function of the laminate
configuration, loading and laminae material properties, the elastic stress distribution
can be determined only when all these factors are known. Furthermore, inelastic behavior
of the laminae invalidates the stress field predicted by the elastic analysis. Therefore
it should not be surprising to find that maximum strain criterion has received widespread
adoption since the distribution of the strain through the laminate thickness (and hence
in each lamina) is known when the surface strain components are known, regardless of
material nonlinearity. Contemporary laminate strength models predict the first lamina
failure, but do not consider the residual response of the surviving laminae. As such,
this first failure model may be very conservative. Consider for example the laminate
[0°/£t45°/90°]g. The first lamina to fail is typically the 90° lamina for most brittle
matrices. However, since the stiffness of this lamina is quite low, it carries a propor-
tionately small portion of the total laminate load and its loss is insignificant. Fur-
ther, a single crack in the 90° lamina does not result in its global loss to the lami-
nate. Rather, the stress in the vicinity of the crack is transferred to adjacent lami-
nae and regions of the laminate removed from the failure are unaffected. However, first
lamina failure provides a direct and conservative estimate of laminate strength.

Since the matrix materials of most contemporary fiber composites are thermosetting poly-
mers, residual stresses are present in the laminate at room temperature. Thus, a complete
strength analysis must include both thermal and moisture induced residual stresses.

Interlaminar Stresses

The existence of interlaminar stresses in the presence of bending loads which are func-
tions of the inplane coordinates x,y are well known. For the case of inplane loading,
lamination theory only predicts inplane stresses, i.e. each ply is in a state of plane
stress. This result is accurate for interior regions removed from laminate geometric
discontinuities, such as free edges. There exists, however, a boundary ‘layer near the
laminate free edge where the state of stress is three-dimensional. The boundary layer
is the region wherein stress transfer between laminae is accomplished through the action
of interlaminar stresses. The width of the boundary layer is a function of the elastic
properties of the laminae, the laminae fiber orientation, and laminate geometry. A sim-
ple rule of thumb is that the boundary layer is equal to the laminate thickness, h.

The primary consequences of the laminate boundary layer are delamination-induced failures
which initiate within the edge region and distortions of surface strain and deformations
due to the presence of interlaminar stress components. Failures which initiate in the
boundary layer region of a finite-width test specimen may not yield data which accurately
represent the true laminate strength.

The mechanism of interlaminar stress transfer for the [$8]g angle ply laminate is termed
the first mode mechanism (Mode I). The important feature of Mode I is the mismatch in
shear coupling coefficients between +6 and -0 layers. Consider a balanced symmetric
angle-ply laminate, [#8]4 , under the uniform load

o, = Nx/h = ao = constant

o =N/h=2¢0 36
oy = Ny/ (36)
Txy = ny/h =0

A cursory examination of the transformation relations reveals that

0,0 = Q] (-0) ,  Q5,(8) = Q},(-86) 3
Q],(0) = Q1,(=0) ,  QL(8) = Qi (-6)

Thus Q1) . Qéz , Q12 and Qés are constant through the laminate thickness and the laminate
midplane strains are:

1
! 0
o - Q5,1(8) 9 2
X
[Qil(e)Qéz(e) - Qiz(e)]
—0° (38)
o - 01,18 9,
ey . 5
[Qil(G)Qéz(G) Qiz(e)]
and since the laminate is balanced,
-] -
ve, = 0 (39)
Substituting equations (38) and (39) into the lamina constitutive relation yields
ox(a) = ax(-O) = 0, ,
8) = o, (-0) =0 40
ay( ) Y( ) (40)

.<
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Q! .(8) @
Ty (8) = “Ty (-8) = — 16 ° =1
[Q], (8)03,(0) - Q}5(8)]

o

Thus, each individuval lamina is subjected to the axial stress o, and a shear stress Ty
which is equal in magnitude, but opposite in sign for the %8 plies. This loading on tXe
individual plies is illustrated in Figure 1l0b. The shear resultant, Nxy is zero, since
the contributions from the +6 and -6 layers will cancel. The shear stresses 1xy prevent
inplane shear strains yﬁy from occurring which would be the case if each of the +6 and

-0 plies were loaded individually by a uniaxial stress 0g5. At the free edge of the lami-
nae these shear stresses cannot exist since an edge is traction-free. Thus, near the
edge of the laminae the interlaminar shear stress Tyxz is required.

Both finite difference solutions and approximate analytical solutions of the exact equa-
tions of elasticity have been developed for the finite-width angle-ply laminate. Results
for the interlaminar shear stress tTyxz at the interface between laminae of +45° and -45°
fiber orientation are presented in Figure 11, These results show that the interlaminar

shear stress is maximum at the free edge where it appears to grow without bound. In addi-

tion, the displacement of the laminate sur-
face in the direction of the load increases
near the free edge, resulting in antisymmet- e
ric surface displacements as shown in Figure

2.50(17.24)

12. The distribution of axial displacement
and interlaminar shear stress through the
laminate thickness is shown in Figures 13 2,00 13.79)
and 14. These rsults show that the maxi- =
mum interlaminar shear stress occurs at the 1.626 H
interfaces between the +45° and -45° layers. Lo,
1451-451, liwem g
oy LR
% %o % = Approximate Sol. 8
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The effect of the free-edge boundary zone
on the inplane stresses Uy and T % is shown 5.00
in Figure 15. It should be noteg that the
inplane shear stress vanishes at the free sl
edge and coincides with the solution pre- :
dicted by lamination theory at approximately
one laminate thickness, h, from the edge. 4.00F Y B
R
An important point to bear in mind from this 3,50 . 9
discussion is that the mechanism of the
free-edge effect in angle-ply laminates is 3.00 x
a mismatch in shear coupling coefficients 2%
between the 186 angle plies. o
2.50F £ M
The mechanism of interlaminar stress trans- % o-Bn 't Y B
fer for the [0°/90°]g bidirectional laminate 200r < s < g
is termed the second mode mechanism (Mode II); Tle,x10 ) F z 1
its important feature is the mismatch in Pl & § J
Poisson's ratios bhetween 0° and 90° layers. "xy 1
Place a balanced, symmetric bidirectional LesT 1
laminate, [0°/90°]g , under the same uniform : “"3,'“’“”_"2";?”
load. For this laminate, B .
0.50} Txyle, = L15 ) - o
1] o - 1] o -
Q2 (0%) = 01,90 =0, (1) 0 T e
v. .E 0 0.5 0.50 0.75 100 .
- 1272 yib .
(1—v12E27ElS o
Figure 15. Stress Results at Interface -
° = (] o — ° . E
QéG(O ) = 066(90 ) = GlZ Between *45° Laminae ]
R
Thus b
v = =
12 %2 + Q6 = %12 (42)
In addition,
E, +E
1 2
Q,, =Q,, = T =v. V) (43)
11 22 2(1 Via2Ya1 . . 4
Then the laminate strains are: -
5
co Q11 9% 2(Bp +Ey) (1-vy,vy))0, 2
X 2 2 - 2 2 2 7
S S PY (Ey +Ep)7 = 4vpoE, () N
co o 12 % __ MaF (- Vi) o
y 2 _ .2 - 2 _ 2 .2 A
Q3 = Q) (E) +Ep)" = 4v1oF; ]
and there are no angle plies since 6 = 0° , 90° 1
° _ -
ny =0 (45) 4
Substituting equations (44) and (45) into the lamina constitutive relation yields L J
1
2 2 2 2
. E,(E, + E,) 2v],E) o E,(E) + E;) - 2V],E} _ :
o (0°) = 2 o ’ o_(90°) = -2 o (46)
x (E, + E,)° - 42 g2 | © X (B, + E,)% - av2 g2 | ©
1 2 1272 1 2 1272
oy - _ or _ _ 2\)12E2(El - EZ)OO (47) .
cy(o ) = OY(QO ) =0, = 5 — _ {
(El + Ez) - 4\)12E2
° = ° = (48)
Txy(O ) Txy(90 ) 0
In contrast to the state of stress for the angle-ply laminate, the inplane shear stress -
component vanishes for the bidirectional laminate due to the fact that the shear coupling o !
terms Qjg and Q3¢ vanish at orientations of 0° or 90°. A mismatch in Poisson's ratios of - 1
0° and 90° laminae leads to equal but opposite sign transverse stresses as illustrated in
Figure 16. As in the case of the shear stress 7o in angle-ply laminates, these transverse
stresses, U , cannot exist at free edges in a [0°/90°]g bidirectional laminate. These
transverse stresses are compensated for by interlaminar shear stresses Ty, at the inter- ]
face between the 0° and 90° layers. Further, the force vectors acting oh the surface {
laminae due to the 0y and Tyz stresses are not colinear (see Figure 17) and hence result J
in a couple whose magnitude is given by L

Couple = M, = o, (h§/2) (49)
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The couple is reacted by the interlaminar normal stress component, ogz.

ey

Figure 17.

Transverse Normal and Inter-
laminar Shear Stresses

The distribution

of the interlaminar normal stress must therefore result in a zero vertical force vector
while producing a couple equal in magnitude to that given in equation (49).

Solutions of equations of elasticity for the bidirectional laminate have been obtained

by numerical methods.

These studies have revealed distributions of the interlaminar

shear and normal stresses at the interface between the 0° and 90° plies as shown in

Figures 18 and 19.

Note the effect of stacking sequence on these stresses.
free-edge boundary zone is approximately one laminate thickness from the edge.

Again the
In addi-

tion, the interlaminar normal stress, Oz , appears to be singular at the edge.

In the case of the [0°/90°]g bidirectional laminate, the mechanism of the free-edge

effect is a mismatch in Poisson's ratio between the 0° and 90° plies.

Interlaminar nor-

mal stress in tension at the free edge can produce delamination.
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SUMMARY

PR )

Composite materials are anisotropic in stiffness and in strength, and hence local stresses and strains
within these materials are complex. They are also inhomogeneous and may have weak interfaces, which makes
fracture more probable in certain directions. Fracture modes are therefore generally more complex than in
isotropic homogeneous materials such as unreinforced metals and plastics. Advanced fibre composites tend
preferentially to split parallel to the fibres, the initial fracture energy depending mainly on the matrix
properties and the fibre-matrix interfacial bond strength; but, due to fibre misalignment, further fracture
propagation depends on the fibre and interface properties. The three main stress modes to produce splitting
are described. Fracture across fibres is more difficult and some of the energy absorbing mechanisms are B p
discussed. In multidirectional laminates each ply still tends to split parallel to the fibres but the L
constraints of adjoining plies are significant and the fracture mechanisms and fracture energies depend on
the ply orientations and stacking sequence (lay-up) and the ply thicknesses as well as on the usual fibre,
matrix and interface properties. The strengths and toughnesses of advanced fibre composite laminates are
continuously being improved.

In considering the impact behaviour of advanced composites for aerospace use there is generally more
concern with the residual mechanical properties under realistic loading than with the energy absorption - med
measured by conventional pendulum impact tests. The different forms of damage caused by dropped weights ‘’
and high velocity projectiles are discussed, as well as the effects of material properties and structural
geometry, on both the threshold energy and the extent of the damage. Although the incident energy of the
projectile is one of the most significant parameters, its mass velocity and momentum also have important
effects, especially in exciting various dynamic responses in the structure. The various types of impact
damage have different effects on the residual shear, flexure, tension and compression properties and there
are various methods such as 3-D reinforcement and hybrid laminates to improve composite impact performance;
with important implications for the design of improved damage tolerant composite structures. e

PRy

INTRODUCTION

Composite materials such as bone and some woods have evolved useful fracture characteristics whereby,
under bending loads, they tend to split parallel to the grain and thus retain some integrity rather than
snapping catastrophically across the grain. Some composite ceramics absorb damage by producing many micro-
cracks throughout the damaged region rather than by forming a single critical crack. Man made materials such o
as brick and reinforced concrete have benefitted in certain applications from possessing specific
characteristic fracture modes. In many of these cases the constituents of the composite material are
inherently brittle and yet when combined they can produce a material that is remarkably tough.

P W Sy

Advanced composites for aerospace application, such as carbon,boron, glass or aramid fibres in epoxy
resin, thermoplastic or carbon matrices, continue to make use of these characteristic fracture modes. Charbon,
boron and aramid fibres have high specific stiffnesses and are useful to make lightweight air control surfaces, - o Y
where maintaining the shape under aerodynamic loads is required. They also have high specific strengths and o
are finding increasing numbers of applicatiors in primary load bearing structures. Glass fibres are strong
but are more compliant and are damage tolerant, finding useful applications in rotary wing aircraft. Since
aviation fuels increased markedly in price in the mid 1970's, weight saving has been more cost effective in
civil aviation and carbon fibre and aramid fibre composites are being used more in relatively large secondary
structures such as wing~to~body fairings in passenger aircraft. Advanced composites also allow the
possibility of aeroelastic tailoring whereby the structure can respond to aerodynamic loading in such a way as
to retain a greater efficiency; this could be useful in such applications as the forward swept wing. In all -
these different applications it is important to know the fracture characteristics of the materials under
realistic loading.

Advanced composites will always contain "defects"; manufacturing defects such as delaminations and voids,
machining damage especially at fastener holes, design cut-outs producing stress concentrations, accidental : 1
handling damage such as that caused by dropped tools and in-service damage such as that caused by runway
stones, birds or weapons. In some instances the damage, although reducing the strength significantly, is
barely visible and easily missed on inspection. Because of this notch sensitivity, carbon fibre reinforced
plastics (CFRP) structures currently have a tensile strain design limit of about 0.47 even though the fibres
have a breaking strain of over 1.3%2. Similar design limits are applied in compression because of the micro- 1
buckling fracture behaviour in hot~wet conditions. The micromechanics of the failure processes have important
practical consequences. Even so, with these design limits, useful weight savings and cost savings have been
demonstrated with CFRP and satisfactory performances in service have resulted.

Currently the carbon fibre manufacturers are managing to increase the failure strains to 1.57 and 1.7%
and, as a result of pressure from aircraft constructors, are aiming at 2.0Z. In making more efficient use of
advanced composites and operating at higher stresses it is important to understand fully the failure modes
and fracture characteristics. And as damage tolerant design philosophies become more widely applied it is
necessary to detect flaws, to predict damage growth rates and to know when damage will become critical.
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FRACTURE OF UNIDIRECTIONAL COMPOSITES

Fig 1 shows the effect of an elliptical notch in an infinite sheet of material subjected to a tensile
stress o_. No tensile stress can be carried across the notch and load has to be shed ontn the surrounding
material] so that in Fig ! the shaded areas above and below the dashed line are equal. This leads to a
stress concentration at the tip of the notch given by

uxmax/ca =1+2 (a/p)* 1)

where 2a is the length of the notch and p 1is the radius of curvature of the notch tip. For a circular
notch a = p and the stress concentration factor is 3. Longer or sharper notches lead to greater values
of o _max and if this exceeds the tensile strength of the material it will fail locally. In a homogeneous
(single phase) material it will either flow, leading to a greater value of p and hence reduce o _max to
less than the flow stress, or in a brittle material a crack will propagate in the y direction,
perpendicular to the crack-opening tensile stress o, max.

There are however other stress maxima near the notch tip. The value of o_ at the notch tip is zero but
along the y axis ahead of the notch tip o_ passes through a maximum tensile Value. In the x direction
from the notch tip there is a maximum shear’stress 1__. In composite materials with weak interfaces it is
possible for either of these local stress maxima to exceed the composite transverse strength and fracture
can occur as illustrated in Fig 2. The effect again is to blunt the notch and reduce the
stress concentration.

For sharp notches, where p - 0, the value of o_max becomes impossibly large and considerations of stress
are insufficient to describe fracture. Considerations of fracture energy such as that of Griffith! are more
useful; for crack propagation the energy released from the elastic strain field must exceed the energy
needed to create the new fracture surface. Griffith calculated the critical applied stress for fracture to be

o, = (2yE/1ra)i (2)

where y is the fracture energy per unit area of fracture surface and E is the Young's modulus. For single
carbon fibres the fracture energy is approximately 10 J/m2 indicating that the critical flaw size is in the
range 0.1 um to 0.5 ym. For glass fibres the figures are 0.3 J/m2 and 2 nm. For epoxy resins used for aero-
space applications the fracture energies are about 100 J/m2.

For unidirectional composites fracture energies are usually least for cracks parallel to the fibres,
This can be readily measured? using a double cantilever beam (DCB) technique (see Fig 3). A starting notch is
machined in the end of the specimen and a temsile load is applied as shown. Extensions of the crack AA are
measured and the energy or work being done on the specimen is measured directly from the ureas under the load-
extension curves for loading and unloading. Typical results for CFRP containing 60% by volume of fibres are
shown in Fig 3. Initially the fracture energy is approximately 100 J/m¢ similar to that for the unreinforced
resin. As the crack grows however misaligned fibres bridge the crack faces behind the crack tip. For the
crack to propagate further the fibres in this tied zone have to be broken and, as the tied zone becgmes
established (after about 20 mm for a 2.5 mm thick beam) the fracture energy rises to about 1000 J/m
or 1 kJ/m4 and then remains constant. This indicates that, even in splits parallel to the fibres, fibre
fracture processes absorb most energy in the fracture of composites. For glass fibre reinforced plastics
(GRP) the fracture emergy rises from 100 J/m? to about 3 kJ/m2 reflecting the greater strain energy to failure
of glass fibres.

Fracture energies for different stressing modes can also be measured by using appropriate loading devices.
Fig 4 shows the three main stress modes: mode I the opening mode under tension, mode II under a forward chear
stress, and mode III under a tearing shear stress, For CFRP the values of fracture energ% once the tied zone
has been established are approximately 1 kJ3/m? for mode I, 2 kJ/m? for mode Il and 4 kJ/m? for mode III.
Clearly friction between the fracture faces in the shear modes causes significant increases in fracture energy
compared with the opening mode. For the DCB test to be applied to unreinforced materials, grooves have to be
machined along the sides of the specimen to ensure that the crack propagates in the desired directiom.

Fracture perpendicular to the fibres is considerably more difficult and requires more energy. Because
of the tendency for the composite to split parallel to the fibres special test pieces have to be used. One
commonly used to measure these fracture energies is shown in Fig 5. Under bending stresses, fracture can be
initiated at the apex of the triangular section in the middle and the side grooves cause the crack to
propagate across the fibres. Again the energy absorbed can be measured from the load-extension curve (using
side grooves to guide the fracture could lead to restricted amounts of microsplitting and give slightly low
values of fracture energy). For CFRP (60 volume % fibres) typical fracture energies are in the range 40 kJ /m2
to 80 kJ/m?. These values are markedly higher than for splitting parallel to the fibres and several energy
absorbing mechanisms are responsible®: fibre-resin debonding, friction between fibre and resin as broken
fibres are pulled out ("pull out energy") and straining the exposed fibres to failure (this strain energy is
often not recovered because it is sufficient to shatter the fibre on fracture).

The two main energy absorbing mechanisms are fibre pull out and strain energy to failure in the fibres.
The latter is governed by the area under the fibre stress-strain curve and since most reinforcing fibres are
elastic to failure, this is equal to 02/2E or for carbon fibres about 20 MJ/m3. If this is absorbed over
fibre lengths of about 1 mm the fracture energy for fibre breakage would be about 20 kJ/m“. Similar values
can be calculated for pull out energy. The distance over which the fibres debond depends on the fibre-matrix
bond strength and this affects both the pull out energy and the fracture strain energy in the fibres. Thus to
achieve tough composites one wants fibres with a high strain emergy to failure and a low fibre-resin bond
strength; this can lead to other problems such as fibre buckling under compression loading, as discussed
later, and the fibre-resin bond strength needs to be optimized for a combination of mechanical properties.
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FRACTURE OF MULTIDIRECTIONAL LAMINATES

In many applications the designer needs material with high strength and high stiffness in several
directions in the plane of the sheet. This can be effected by moulding many thin plies (typically 0.125 mm
thick) together at the required angles to form a multidirectional laminate; many practical laminates can
be designed using combinations of 0, 90 and 45 plies. Because the 0  plies have a much greater modulus
than the 90° and 45° plies in the 0° direction (eg for CFRP, 140 GPa compared with 10-20 GPa) and the strains
are equal, the 0° plies carry most of the applied load. The individual plies still tend to split parallel
to the fibres, as in unidirectional composites, but this splitting is constrained by the stiffness of the
fibres in the neighbouring plies.

When plain unnotched multidirectional laminates are loaded, the plies at 90° to the applied tensile
stresses crack first4, For instance, for CFRP (0,90,0) laminates with thick 90° layers (8 plies, 0.5 mm
thick), this transverse cracking occurs at tensile strains of about 0.37 but for a single 90" ply
(0.125 mm thick) the constraints of the O plies postpone the onset of transverse cracking to strains
>0.6Z. These transverse cracking strains are affected by residual thermal strains, caused by differential
thermal contraction of the plies on cooling from the moulding temperature, and by the uptake of moisture
which tends to reduce the effect of the thermal strains. Laminates with plies at +45 can exhibit shear
cracks in the 45 plies, parallel to the fibres, especially under fatigue loading, but the strains at which
these occur and the extent to which they can travel depends on the details of the lay-up. Another form of
splitting in multidirectional laminates is delamination in or between the plies, initiated at the free edge
by the complex local stresses, again depending on the stacking sequence of the plies in the lay-up>.

Multidirectional laminates are, in general, notch sensitive when loaded in tension, which means that
the average stress at failure in the net section is less than the strength of the unnotched material®.
This is illustrated in Fig 6 for a [0,90,0,+45,0] CFRP laminate. The reduction in strength was not as
much as would be expected from considerations of fhe strcss concentration given by equation 1 indicating
that there must have been some local failure at the notch tip resulting in a reduction in stress
concentration. These local failure processes can be examined by means of a laser moire technique’ that
measures in plane strains round the notch tip. In experiments on two CFRP laminates8, with {#45#0] and
[0 % 45] 1lay-ups, small cracks were observed to form at the notch tip at loads of about 507 of the failure
load; these were splits in the surface ply and are shown in Fig 7. As the load was increased further,
the cracking extended in the surface ply and damage was observed in the adjoining, ply indicating that in
this ply too cracks were growing in the plies parallel to the fibres. The distance that these cracks can
extend depends on the fibre matrix bond strength and on the thickness of the plies, which has already been
shown to affect the interply constraints, These cracks growing in different directions in the different
plies and delaminations between the plies form a '"damage zone" that effectively blunts the notch. In GRP
which is translucent the formation of damage zones can be studied using transmitted light9. The effects of
biaxial loading on damage growth from notches has shown10 that applied shear stresses make a significant
contribution to the damage zone and to the ultimate failure load. 1In advanced composite laminates damage
zones formed at sharp notches are typically a few mm in size before failure of the laminate occurs.

As the applied load is increased and the damage zone grows, the volume of highly loaded material near
the notch tip increases, as shown in Fig 8 (it is assumed that oymax remains equal to the material tensile
strength). The individual fibres in advanced composites have a distribution of tensile strengths
(coefficient of variation 15-20%), so that weaker fibres in the region of high stress near the notch will
start to fracture. When sufficient fibres have fractured close enough together to form a critical crack
extension the laminate will fail. (Substituting typical values for unidirectional CFRP into equation 2,
the critical crack size would be about 2 mm, similar in size to the observed damage zones.)

Several mathematical models have been developed to predict the failure load for notched laminates‘I
Models based on a critical value of notch tip radius'? or on a critical value of stress gradient at the
notch tip!3 predict strengths of the form

o, = A1+ B @D (3)

where A and B are material constants. Models based on stresses integrated over a characteristic distance
ahead of the notchl!4 or on fracture mechanics® predict strengths of the form

o, = A1+ Ca)t )

where again A a-d C are material constants. Each model is semi-empirical and for every laminate the two
material constants have to be measured. It is not yet possible to predict laminate notch sensitivity from
fibre, resin and interface properties and lay-up. Although the four models are based on different physical
mechanisms they ill depend on the stress distribution ahead of the notch and it is not surprising that they
all have an (a)~™? dependency on notch length. A similar expression to equation (4) can be used!5 to predict
the residual strength of damaged laminates using the total lateral damage (TLD) for notch length and a
slightly greater value of toughness than for a sharp notch.

The notch sensitivity of composite laminates depends on a number of materials parameters. For (0,145)
CFRP laminates the notch sensitivity depends on the relative proportions of 0° and 45 pliesl6 (see Fig 9).
For laminates with less than 107 0 plies the fracture is dominated by the shear splitting in the 45° plies
and the laminate is relatively insensitive to notches. For laminates with more than 80% 0 plies the failure
is dominated by the 0" shear splitting, similar to that shown in Fig 2, and again the laminates are not notch
sensitive. For 0 ply contents between 107 and 8C% however the interply constraints are sufficient to restrict
the extent of the shear cracks and the laminates are notch sensitive. The actual value of the notch
sensitivity can depend on the thicknesses of the layers in the laminate'? as shown in Fig 10, In lay-up 1
[(+105)n,(—45)n,(0)n]s the layers were of varying thickness and in lay-up 2 ([+45,-45,0]g),, the laminate
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thickness was varied but the layer thickness was kept constant. For high fibre-resin bond strengths

the notch sensitivity did not vary because local fibre-matrix interactions dominated the fracture
behaviour, which was rather brittle in nature. For lower values of interface bond strength, where shear
cracks could run significant distances, the toughness increased with layer thickness, as the interply
constraints became less effective. Further work has shown that the notch sensitivity also depends on the
stacking sequence, that is on the relative orientations of neighbouring plies. The effect of the fibre-
resin bond strength is further illustrated in Fig 11, where results'’ are given for laminates containing
carbon fibres with varying levels of surface oxidation, which increases the gnterfacial bond strength as
shown by the interlaminar shear strength. For (0 t 45) laminates with 507 0  plies the notched tensile
strength decreases significantly for greater bond strengths. So with carbon fibre composites the bond
between the fibre and the resin can be too strong resulting in brittle materials. This is not so for
glass fibre and aramid fibre composites where at present efforts are still being made to increase

bond strengths.

Materials properties are still improving, as illustrated in Fig 12 for CFRP laminates containing
507 0" plies. In the past ten years the tensile strength of unnotched laminates has increased by 507
whereas the toughness has more than doubled. These improvements have resulted from increased fibre
strengths and optimized fibre-matrix bond strengths. As the toughness of composite laminates increases,
there has to be an increase in the size of centre notched panels for the measurement of toughness. This is
shown in Fig 12 where lines have been drawn for two specimen sizes ‘or

4
= - 5
K, 00(1 2a/w) (na) (5)
where K_ is the fracture toughness and o_ is the strength of an unnotched panel. This line must be
significéantly above the test points to get a true value of notch sensitivity so that

o, <o, (1 - 2a/w)
as in Fig 6,
IMPACT DAMAGE IN COMPOSITES

Traditionally pendulum impact tests such as Izod and Charpy tests have been used to indicate the impact
toughness of materials They measure the total energy needed to break a specimen under impact loading.
They have yielded useful information on notch effects in homogeneous materials and have indicated ductile-
brittle transition temperatures. However, because of the complexity of composite failure processes, these
tests are only of limited value for composite materials. For aerospace structures there is more concern

with the extent of damage on impact and with the residval mechanical properties after impact 15, Dropweight
tests and ballistic tests have proved more useful, since they simulate in-service hazards.

A typical arrangement in an impact test is shown in Fig 13 together with the various forms of damage
that can be produced. If the impact is at a relatively low velocity the laminate can respond by bending,
and a critical condition is reached when a local stress exceeds a local strength. For small span-to-depth
ratios this results in shear failures and delamination damage. The elastic energy in the beam prior to
failure is

(2/9) (/ENWl’/6),

where 7 is the interlaminar shear strength. For a CFRP laminate 2 mm thick and 25 mm wide with a span of
20 mm this gives approximately, 0.3 J, which if it were all converted into fracture surface would result in

a delamination of about 150 mm~. For larger span-to-depth ratios, flexural failures are more likely and the
stored elastic energy in this case is

(1/18) (02 /E) (el

where o is the flexural strength, For CFRP 2 mm thick 25 mm wide and a span of 50 mm the threshold energy
would bé about 1.5 J and with the greater fracture energy for this kind of failure the resulting fracture
surface would be about 20 mm“ in area.

At higher velocities different modes of flexural response may be excited18 and embedded strain gauges
have recorded complex stress wave propagation'’, The impact produces a compression stress wave which
travels from the impact surface through the thickness of the laminate. It is reflected from the back surface
as a tension stress wave which can cause failure at the first weak interface, resulting in parts of the rear
ply spalling off the back of the laminate.

t wven higher velocities the laminate is effectively rigid resulting in shear out and complete
penetration by the projectile (see Fig 13). The energy needed to do this is w y td where Yy 1is the fracture
energy and d the diameter of the hole which in many instances is similar to the diameter of the projectile.
For CFRP 2 mm thick and a projectile 6 mm in diameter the penetration energy is about 3 J. The critical
velocity for this kind of material failure can be estimated roughly by equating the shock wave energy density
with the elastic strain energy density at failure. This gives

. 4
v, = o/(Ep)
where p is the material density. For a CFRP laminate with 507 0° plies this is approximately 70 m/s which
for the 6 mm ball projectile is about 2 J incident energy; however, the projectile must have sufficient

momentum to accelerate the material to the critical velocity quickly.

Fig 14 shows some of these threshold energiezs for CFRP laminates, with various geometries of specimen
and supports, as a function of projectile diameter. It can be seen that large slow moving projectiles cause
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shear or flexural failures whereas small fast moving projectiles are more likely to cause penetration,
For extremely small particles the penetration is only partial and the damage takes the form of erosion
of the surface.

In sandwich panels, the core material affects the damage in the laminate skinszo. The core helps to
reduce delamination damage and increasing the crushing strength of the core significantly improves impact
resistance. Instrumented ballistic impact of sandwich panels2! has shown clearly the loads and energies
associated with penetrating the front skin, the core and the rear skin and this information can be used to
design sandwich panels with improved penetration resistance,

RESIDUAL STRENGTHS OF DAMAGED LAMINATES

The various forms of impact damage described above affect the various mechanical properties to different
degrees. Fig 15 shows the effect on residual interlaminar shear strength of CFRP laminates of delamination
produced in dropweight and ball gun tests. The threshold energy for damage of 0.2 J is similar to the value
of 0.3 J calculated_above. Clearly the residual shear strength is related to the area of delamination and
this can be fitted“c to a simple fracture mechanics model

-1/4

c, = K /)t Tk @) (6)

c

where A 1is the area of delamination and K is a fracture toughness. For the various,laminates tested?? K
was 2.8 MPaJm which gave a fracture energy for interlaminar shear failure of 1.1 kJ/m“. similar to the
values measured on DCB tests described earlier.

Fig 16 shows the effect of flexurai impact damage on the residual tensile strength of a CFRP laminate.
The threshold energy for damage was about 1 J, above which the residual strength was markedly reduced.
Fig 17 shows the effect of the same damage on the residual flexural strength; the reduction in strength was
even more marked because the impact damage was worse on the rear face of the laminate and this was the tension
face in the subsequent bend test. For ball gun impact the minimum in residual strength coincided with the
maximum amount of damage and occurred at incident energies close to that needed for penetration. Once the
projectile can pass through the laminate less energy is absorbed by the material and relatively clean holes
are produced with little associated cracking. The most marked reduction in strength in Figs 15, 16 and 17
occurs for similar incident energies for both the dropweight and ball gun impact even though the velocities
and momenta were very different. This implies that the panels responded in flexure and that failure was
determined by the maximum stresses in bend. This has been confirmed by slow indentation tests in a test
machine using a similar geometry to the impact test - the stored energy at failure was similar to the
threshold energies observed in the impact tests.

The shapes of these residual strength curves depend on the geometry of the specimen and supports, as
indicated in the previous section. It also depends on the material properties, implicit in the energy density
terms in the expressions given for threshold energies, and on the extent of the damage which is controlled by
fracture energies. Figs 18 and 19 show residual flexural strength curves for laminates made from the same
batch of carbon fibres in two different epoxy resins. Resin 1 was a standard epoxy system used in the air-
craft industry and resin 2 was an experimental resin with high modulus and high density, that gave composites
with superior compressive strengths, but with very brittle behaviour intension. The brittle resin clearly
reduced the impact resistance of the composite. It is not so obvious that further improvements in resin
properties will result in improvements in composite toughness, since this appears to depend more on fibre and
interface properties. It can also be seen from Figs 18 and 19 that the stacking sequence has a marked effect
on impact resistance; putting the 45 plies on the outside of the laminate reduces the flexural modulus and
increases the elastic strain energy to failure o¢/2E, as well as protecting the 0" fibres.

Further improvements in impact performance can be achieved by using hybrid laminateszz. Glass fibres and
aramid fibres have greater strain energies to failure than carbon fibres and benefits can be devised from
incorporating plies of these materials into the laminate lay-up. Tests have shown22 that surface plies of
glass fibres and aramid fibres are the most effective (see for example Fig 20). Since these fibres have
tower Young's moduli than carbon fibres this cbuld be partly due to the increased flexural compliance seen
with surface 45 plies. However, sections through the damaged laminates showed that more damage was caused
in the surface layers and in delamination between the surface layers and the CFRP, thus protecting the load
carrying CFRP underneath. Aramid fibres are lighter than glass fibres and, having a higher Young's modulus,
can contribute more to the static load carrying capacity of the hybrid laminate. The hybrid concept has been
carried further?3, to the design of super hybrid composite fan blades, comprising titanium foil outer plies
over boron/aluminium plies and an inner core of carbon fibre/epoxy plies.

In Fig 12 it was shown that CFRP laminates have improved in recent years due to improved fibre strengths
and optimized fibre/resin bond strengths. This "optimization' was achieved using static mechanical properties.
Recently at RAE the impact performance was studied for CFRP laminates with a [(0, £ 45),] lay-up made from
carbon fibres with various levels of surface oxidation treatment. The dropweighf test was used and the
laminates were supported over a 100 mm diameter support. Fig 21 is of a typical section through the damaged
area for 2 J incident energy, showing that the damage consisted of multiple delaminations. At 4 J incident
energy fibres were fractured. After impact, the laminates were scanned ultrasonically to measure the extent
of the damage. Larger areas of damage were found for lower values of surface treatment. Specimens
250 mm x 50 mm were machined from the laminate so that the damaged area was at the centre of each specimen.
Residual strengths were measured in tension and in compression using an anti-buckling gnide that supported
the edge of the specimen to prevent overall buckling but allowing local buckling at the damage site. Fig 22
shows the area of damage, for 1 J, 2 J and 4 J, in relation to the end tags and the side supports. Fig 23
shows the residual tensile and compressive strengths. The compressive strengths were significantly reduced
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for incident energies of 1 J and 2 J. The damage consisted of relatively small areas of multiple
delamination (as shown in Fig 21) with no sign of damage on either surface. This multiple delamination
caused a local buckling instability under compressive loading. The tensile strength was not reduced

until the damage included fibre fracture. Increasing the fibre-matrix bond strength resulted in greater
reductions in residual tensile strength but was beneficial in compression because of the smaller areas of
delamination. If delamination is a significant problem in a particular application improvements can be made
by reinforcing the laminate in the third direction, that is through the thickness.

The reduction in strength depends not only on §eometry and materials parameters, as discussed above, but
also on any applied load at the time of impact“’z . Fig 24 shows the effect of applied tensile loads on

the residual tensile strength of a CFRP laminate subjected to ball gun impact. For applied loads up to 357
of the tensile strength, the damage and residual strength were little affected. But at 407 UTS impacts above
2 J in energy produced complete failure. This might be expected since the residual strength of unloaded
specimens was only about 457 UTS for these incident energies. However at 507 UTS applied load, complete
failure occurred for an incident energy of only 0.5 J, which for unloaded specimens resulted in only a 257
reduction in strength. Similar tests, impacting compression loaded panels, have shown that out-of-plane
deformation caused by the impact can cause local buckling to occur if the compression load is high enough.

It has already been noted that the residual strengths measured in coupon tests depend on the size of the
specimen, on its dynamic response, on the design of the supports and in compression onthe details of the
anti-buckling device. Great care needs to be exercised therefore in interpreting the significance of this
information for predicting the impact performance of advanced composite structural components.

CONCLUDING REMARKS

Damage that results in broken fibres reduces the tensile strength. Damage that results in
delamination reduces the compressive and interlaminar shear strengths. Impact damage can include both
broken fibres and delamination, depending on material properties such as fibre, resin and interface
properties, on laminate stacking sequence and on structural details such as laminate thickness and supporting
substructure.

Improvements in impact resistance can be produced by third direction reinforcement and by using hybrid
laminates. Further improvements will be produced if the strain energy to failure of the fibres can
be increased.,

In designing damage tolerant laminates the aim should be to allow splitting parallel to the fibres, so as
to avoid brittle failures, but to absorb as much energy as possible in propagating these splits so as to
restrict the volume of damage.
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MECHANISMS OF FATIGUE DAMAGE AND FATIGUE TESTING
J. J. Gerharz,
Fraunhofer-Institut fur Betriebsfestigkeit (LBF), Dammstadt, Gemmany W. &

I INTRODUCTION !

Early investigations in the fatigue response of advanced fibre composites started with tension-tension constant omplitude H
loading at constant environmental conditions. Still today many studies on the field of composite fatigue have this experi- :
mental base. Improving experimental techniques and most of all the increasing use in engineering designs has demanded o e B
broadening the field of activities on this subject. Fatigue testing has spread to tension-compression and compression-
compression, variable amplitude loading, and testing with combined sequences of load~ and environmental conditions.
More effort is lately directed to examine the fundamental fatigue mechanisms, and fatigue of fibre composite materials
under biaxial loading has opened a new area of investigation.

i

|
The increasing acceptance of the advanced fibre composites in engineering design has forced the designer to use analytical j
tools based on the presently avaible but incomplete knowledge of failure mechonism. Thus more or less empirically derived S
relationships are incorporated in the analysis os for example in the prediction of static strength of laminates containing g
holes or similar discontinuities, and prediction of fatigue life and residual strength. Because of the empirical nature of the d
models a large amount of testing is required until the time the understanding that is looked for emerges from research. :

Designing against fatigue requires experimentally derived laminate fatigue data for various composite structural feotures.
During fatigue loading the mechonical properties vital to the integrity of the structure should be recorded, as for example
deformation, compliance, strength, etc. Constant amplitude fatigue data covering service life load conditions will provide .
the base for life prediction methods. Of course, it would be better to use variable amplitude loading to be closer to
reality . But the available standordized load programmes (FALSTAFF, TWIST) providing comparability include assumptions 1
and simplifications odmissible to metals and metal structures. Still more investigations are needed to determine the )
allowable simplifications (of in service lood- and environment-history) for composite structures mandatory for economical
laboratory testing. Therefore, at present most of the fatigue testing for the evaluation of mechanical response during

repeated loading is done with constant amplitude loading. )

. § q
The following presentation the fatigue response of fibre composite materials containing various details of a composite g
structure. Besides the plain feature, open holes, bolted and bonded joints with differing configuration parameters are
covered, see Fig. 1. The majority of data shown stem from a program to establish design data [ 1, 2J. All test samples 1
hod the same material and laminate structure namly grophite /epoxy 914C/T300 and the laminate built-up 1
Co,/+ 45)2 903 . Two paragraphs of this lecture deal with response of fibre composites to constant amplitude loading
of p?ain and“notched materials. This division of the subject is natural because of the significant difference in failure
mechanisms. Besides the demonstration of fatigue behaviour within each section o
- an overview in present knowledge of failure mechanisms is given; i
- examples of fatigue data analysis are presented;
- the deformation behaviour under cyclic loading is explained;
- problems in testing technique concerning the comparability of coupon and structure behavicur are exposed; and
- differences between metal- and composite behaviour are pointed out.
A third paragroph deals with the behaviour of a cfrp-laminate under realistic fatigue loading and comsiders: o
- evaluation of load spectrum modifications,
- effect of service environment simulation in realistic fatigue testing, and 1
- strength degradation. ]

1

] UNNOTCHED FIBRE COMPOSITE BEHAVIOUR L ;
Overview on Failure Mechanisms during Fatigue Loading
in fatigue looded unnotched fibre composite specimens final fracture occures when 0 °—p|ies have failed. Preceding the 3
transverse fibre breakage required for final fracture various failures are observed, see Fig. 2, occuring with or without
interaction. The presence of a particular failure depends to a certain degree on composite constituent materials and ‘@

laminate type as shown in Fig. 3. For carbon fibre reinforced plastics (cfrp), for instance, transverse matrix cracking and
delomination are the most prevalent, matrix dominated failures in multidirectionol lominates.

Many publications on laminate damage experiments as for exomple Ref. [ 4 ] contain photomicrographs or C-scan and X-ray
pictures demonstrating these failures. Fig. 4 shows schematic illustrations of the transverse and delamination crack in o

90 ©-ply. For these failure mechanisms the important findings of laminate (multidirectional) damage investigations are ]
summarized in Figures 5 and 6.

In multidirectional laminates cracks in 90 ©-plies occur in many practical situations on the first loading cycle, and ]
increase in density with number of cycles until a stable density for a particular laminate configuration is reached,
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see Fig. 7, Ref. [ 4]. In this danage state no further transverse cracks occur in spite of additional loading; instead
delamination continues at an increasing rate.

A dependency of the maximum crack density state on the onset of delamination cracking waos noticed, Fig. 7. When delom-
ination started early in life as observed in the [ 0 /+ 45/90 ] -lominate, less transverse cracks developed compared to the
case where delomination begins late in life as observed in a Ls0/90/1 45 J.~laminate . Furthermore the increase in
number of transverse cracks was largest in the pre-delamination phase. It seems that only a few additional tronsverse cracks
develop in the 90- and 45 ®-layers after delamination had begun. Transverse ply cracks generally start in 90 ©-laminate
when the threshold levels are reached, which vary with the thickness of the 90 ©-layer, see Fig. 5.

Delomination is observed to initiateat free edges where it is generated by interlaminar stresses in the presence of uniaxial
in-plane loading. The determination of these stresses has received extensive discussion based on linear elastic analysis, see
for example Ref, £ 5. These interlaminar normal ond shear stresses concentrate at the free edge but are thought to follow
the delamination crack tip. One should also be aware of interlominar shear stress concentration at the tip of a transverse
crack expanding over the total specimen width, thus superposing the free edge interlaminar stresses C67.

The distribution of interlaminar stresses over the laminate thickness is governed by the stacking sequence. For example, at
tensile looding interlaminar normal stresses at free edges are tersile in the C0/+ 45/90 J; lominate and compressive in
the [ 0/90/+ 45 1; laminate. The latter stacking sequence also has the 90-layer with first transverse cracking outside the
range of maximum interlaminar stresses. Thus, in contrast to the C0/+45/90 Js-lominate, the [ 0/ 90/+ 45 J-laminate
did not show any delamination under static tensile loading to failure, and it seems that interlominar shear stresses were not
critical . But during tension-tension fatigue loading delamination was observed between 45°-layers [ 4] starting at
transverse crack tips, where interlaminar shear stresses are large. Generally, it is believed that stotic loading and fatigue
loading couse similor damage. However, significant differencas should be expected in domage development when
interlominar normal stresses are compressive, see Fig. 8. The compressive interlaminar stresses will change to tensile
interlaminar stresses corresponding to a change of sign of the external in-plane loading. Thus external tension-compression
fatigue loading always generates tersion-compression cycling of the interlaminar normal stresses by which delomination
cracking is enhanced. When increasing delamination size becomes critical (stability) the delaminated plies buckle out of
plane under compression lood and fracture occures at compression when, for exomple, the remaining cross section ceased
being able to camy the lood C7].

Crack opening and closing are easily visualized during cyclic loading at the specimen edges when peel-off ard compressive
interlominar stresses are effective. It is often observed that a delamination crack will stay open at zero load due to

residual stresses introduced during cool-down from curing temperature. The effectiveness of the interlaminar stresses is also
demonstrated by fatigue test results from flat specimens and tubes, see Fig. 9. The interlaminar stresses acting ot the
longitudinal edges of the flot specimens reduce the fatigue strength in correlation to the tubes. In case a hole is driiled
through the tube wall interlominar stresses would be introduced at the hole edge and consequently delamination would
occur around the hole during fatigue loading.

As in metals the propagation of the single dominant crack in composites the increase of multiple cracks in size and number
reduces the residual strength ond increases the deformation. This relationship has been observed many times [ 4, 8 J,ond
Fig. 10 gives just an example. The increase in deformation may be transformed into foss of stiffness or increase in
complionce when the stress-deformation behaviour during cyclic loading is known. Data on increase in deformation and
decrease in residual strength are needed by the designer. Derived by analytical tools or by tests they are essential to
achieve economical and reliable engineering designs.

Fatigue Behaviour

Initially observed fatigue behaviour of fibre controlled lominates with high stiffness fibres gave the impression that these
materials were not prone to fotigue. As con be seen by a family of constant life curves for a fibre controlled cfrp laminate,
see Fig. 11, this is frue ot tension-tension loading which was applied in early fatigue testing. At this load condition the
fatigue strength is close tu ultimate tersile strength (Fy,) and even at high numbers of cycles not less than 2/3 of

Fro (desiqn fimit stress). But attension-compression loading serious fatigue damage develops so that fatigue strength ot
lives > 10~ drops below the design limit stress, see Fig. 11. An extrapolation of the tension-tension fatigue strength of
composites analogous to metal fatigue behaviour has proven to be incorrect. As demonstrated in Fig. 12 the fatigue strength
of a metal is steadily increasing with decreasing mean stress whereas the fatigue strength of the composite materials
decreases when compresion becomes ¢ larger part of the load cycle.

Schematically the constant life curves in Fig. 12 exhibit some differences in fatigue behaviour between composite materials.

For the ofrp laminate (aromide fibre reinforced plastic) this difference is related to the low compressive strength of it’s
fibres being 1/5 to 1/4 of the tersile strength. For the gfrp lamimte the difference in fatigue behaviour,indicated by the
shape of the constant life curve, is related to the lower stiffness of the glass fibre (E-glass) being 1/3 and 1/2 of that of
the graphite (T 300) ond aramide (Kevlar 49) fibre, respectively. Furthermore the strain at fracture of the glass fibre is
larger by factor of 3 and 1.8 compoared to the graphite and Kevlar fibre, respectively with the ultimote tensile strength
being alike. Generally this difference in mechanical properties of the fibres is resporsible for higher loading of the matrix
in gfrp lominates, Correspondingly, damage developing in the motrix of gfrp laminates is believed to be more intense, con-

sequently a domage state critical to the fibres is reached earier in gfrp than in stiff fibre composites. On the other hand stress

analyses reveal lower free edge interlominar stresses. This might be the reason for the gfrp behaving more and more like the
cfrp composite with increase in compressive loading, where interlaminar stresses were observed to be more effective to
fotigue damage.
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The sensitivity of fibre composite materials to compressive loading in fatigue which shows also with notched specimens is
likely to be in close relation to the development of delamination damage. But the exact mechanisms covering the whole
range of load conditions are still subject to research.

Deformation Behaviour

However, it was shown that increasing domage correlates with an increase in deformation at constant lood level (Fig. 10)
which would correspond to a decrease in load at strain controlled cycling. The deformation during cyclic looding may be
measured for example by a strain gaged extensometer placed on the specimen. The registered deformation during constant
amplitude loading with R = -1, 0 plotted vs. fraction of life at fracture is presented by the scatter band in Fig. 13. The
larger scatter at the end of life is due to test results of specimens with failures not exactly developing within the gauge
length. Correspondingly for notched specimens where the failure develops always within the gauge length covering the
notch, no such increase in scatter was recognized.

The observed deformation behaviour of fibre composites may cause failure of a component when its deformation at loading
has grown to a critical value. For this failure criterion the S-N-curves presenting life to various levels of increase in
deformation can be determined from the recorded deformation data. An analysis of the data for lives to 5 and 10 percent
increase in deformation resulted in the S-N-curves shown in Fig. 14, Included is the S-N-curve for life to fracture at
which the deformation has increased by an average of 18 percent, see Fig. 14. All three S-N-curves are fitted to the
results of 26 tests by a non-linear regression analysis. At typical results of such an analysis is shown in Fig. 15. The
S-N-curve described by the mathematical equation represents average fatigue strength. The analysis includes static
strength data as well as run-out data. The similarity of domage observed during monotonic and cyclic loading is thought to
justify the incorporation of static strength data in the fatigue data andlysis.

The Effect of Anti-Buckling Measures

A problem the test engineer is faced with is the buckling of thin fibre composite specimens. For example, the tickness of
the 17-ply laminate of the unnotched specimen in Fig. 1 is only 2.1 mm. This problem can be overcome by several measures.
Rosenfeld and Huang L9 1 have cut down on effective specimen length and increased the thickness by extencing the
bonded-on tabs close to the notch in the center of the specimen. The author has used anti-buckling guides of two
configurations, one covering the specimen completely and the other leaving the specimen’s edges uncovered. Results of
comparative fatigue testing, see Fig. 16, showed that with unsupported edges fatigue life to fracture was shortened at least
by a factor of 5 at lives N > 107, During the whole life to fracture specimens with the edges not supported suffered less
increase in deformation than specimens with the edges supported by the anti-buckling guide, see Fig. 16.

The analysis results of deformation increase represented by the 5 percent deformation curves in the S-N-diagrom Fig. 16
revealed that specimens with the edges not covered by anti-buckling guide plates fractured when about 5 percent of
defommation increase was reached. This amount of deformation increase distinctly preceded facture of those specimens
which were completely covered by the anti-buckling guide. To a large degree, this guide configuration apparently has the
effect of delaying the grow:h of fatigue damage initiated here at the specimen edges. Similar findings were reported by
Phillips C 107 for cfrp. For specimens with holes and anti-buckling guides with and without a window around the hole,
where delomination ocaured, differences in life to fracture up to a factor of 30 were found .

As demonstrated before the delamination at the specimen edges is responsible for the deformation increase. Therefore, it is
the feeling that crack opening and local buckling associated with edge delamination is restrained by those anti-buckling
plates, which provide support by completely covering the specimen surface. Generally the results indicote that the
influence of anti-buckling procedures must be accounted for to moke meaningful comparisons. In this respect it is important
to note that in actual structure buckling of compression loaded skin areas is prevented by distinct reinforcements.
Consequently, support provided by an anti-buckling guide covering only a small portion of the specimen surface just to
avoid general section buckling is considered to be close to reality.

i1 NOTCHED FIBRE COMPOSITE BEHAVIOUR

Failure Mechanisms at the Notch (Open Hole)

The prevailing failure mechanisms observed at open holes in fibre composite materials vary to a certain degiee with fibre
diometer ond matrix material, see Fig. 17. In composite laminates with small fibres (cfrp) delamination cracks together
with matrix cracks running porallel to fibres and being arrested by adjacent plies prevail L 112. With larger fibres
debonding, fiber breakoge and growth of matrix cracks (parallel to fibres) into odjacent layers are effective damage
processes besides delamination cracking C127. Generally in metal matrix composites fibre breckage prevails and
compared to polymer matrix composites less matrix domage is observed but plastic flow of the metal matrix does occur at
notch roots L 3].

In contrast to metcls it has been observed many times that damage in polymer matrix, starting ot hole edges, grows parallel
to the load axis in form of ply cracks in the 0 ®-plies and in form of delaminations following the ply-cracks, as
demonstrated by the C-scan pictures in Fig. 18. Associated with the domage growing longitudinally is an effective notch
blunting with o pertinent increase in residual strength. In terms of local stressing this indicates, that with the occurence of
longitudinal cracks the stresses at the hole were redistributed to a less domaging state. On the other hand, when damage i:
restrained to local regions around the hole, especially when those regions are predominantly in the net section, residual
strength and life is reduced (behaviour of metal matrix composites). The direction in which damage will extend from a notch
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in polymeric matrix composites seems to depend on laminate structure and especially on the constraint adjacent layers
place on layers with matrix cracks along fibres C147.

Delamination is always observed at a notch and under cyclic looding it is here also more extensive than during static
loading. It increases near the end of life, thereby enlarging the defomation or strain of the laminate at the peak loads
of the cycle, see Fig. 18.

The sequence of failure events is generally similar to that one observed in unnotched specimens. However, transverse and
fibre-direction matrix cracking may increase again following seperation of plies through extensive delamination. At the
end of life all domage components begin to accelerate.The spreading fibre breckage may lead directly to fracture or be
arrested. In the latter case o mechanistic cycle is repeated starting with extension of delamination L 15].

It also appears that laminates with a large portion of 0 ®-layers and consequently higher strength also have more
resistance to growth of effective damage (in contrast to common behaviour in metals).

A wide variety of domage components and mechanisms is observed to occur at a notch in fibre composites. The stress
situation ot the notch is extremely complex and very difficult to describe. The complexity of modelling the goveming
interactions and combinations of damage components is demonstrated by the investigations of Kulkarni et. al £167,
Presently no mechanistic model available is able to accurately model the fatigue failure process in fibre composites.
However, empirical models are in use which require some testing.

Effect of Structural Notches on Fatigue Behaviour

One of the most striking difference observed between metals and fibre compasites is the way they respond to a notch under
fatigue loading. In contrast to metals fibre composite materials show a large detrimental influence of @ notch on static
strength and low cycle fatigue strength, and only a small influence on the high cycle fatigue strength. This notch effect
is most pronounced if the fibre composite material is loaded parallel to the fibres and it is observed to Le universal for
fibre reinforced polymer matrix composites. Fig. 19 demonstrates the notch effect found for a cfrp laminate, The SN-curves
of notched specimens representing varicus structural details exhibit a drastically increasing drop in static strength and
fatigue strength with increasing stress concentration. It is also clear from the S-N-diagram that the position of the S-N--
curves are greatly determined by the static strength of the specimens. Besides experimental determination, static strength
may be estimated by empirical models as for example those developed by Whitney and Nuismer L1731, To apply these
models the stress distribution in the laminate around the hole is needed. Stress analysis methods to determine the stresses
as well as analysis results are available in the literature C18 7.

Furthermore it wos found that improvement measures like local reinforcement of the hole region and high bolt clamping for
instance, have their largest effect on the static strength. One exception being the interference fit in combination with
high clamping as long s installation damage can be avoided or can be kept ineffective. These measure have their largest
effect on high cycle fatigue strength [ 2 ].

Other measures which are known fo increase the joint efficiency at static loading is the so~called tailoring or softening as
reported in Ref. L 19 and the foad transfer per bordline instead of fasteners. However, it musr be emphasized that the
effectivenes of such measures may be less at fatigue loading. The step-bonded 5omr in Fig. 1, for example, had a joint
efficiency of 0.7 at static loading but in the high cycle fatigue range (N > 107) the joint effncnency was down to 0.35,
being less than the value for bolted joints.

It is interesting for designer to note that by a fastener just neatly filling the hole the compressive strength was significantly
increased, see Fig. 19. Apparently the constraint offered by the fustener to the hole and by the clamping action of the
bolt heod and nut are beneficial at compression. These constraints also shift the failure location away from the hole to the
gross section ahead of the hole to the edge of the head or nut. This failure mode, bearing failure, and net section failure
together with longitudinal cracks were the prevailing modes (see Fig. 20) observed in joints with load transferred by a
fastener. Moving along the S-N-curves of these joints the failure mode generally changes from that prevailing at N =1
(static strength), which is failure of net section at tension and failure "ahead of hole" at compression, to that prevailing
in the high cycle fatigue region which is bearing failure, Depending on design details, bearing failure mode or o
frequently observed combination of the failure "ahead of hole" mode and the bearing failure mode may already occur at
static loading. Then bearing failure is the universal mode for the S-N-curve as it was the case for the two lower S-N-
curves in Fig. 19. However, a fundamental difference exists not only in the mode of final failure but also in the
preceding failure mechanism when comparing results presented by the three upper S-N-curves in Fig. 19 with those
presented by the three lower S-N-curves. Post-fracture analyses show delaminations in the filled hole specimens and
definitely in plain and open hole specimens, but there is no evidence of delaminations in the jointed specimens.

Deformoation Behaviour

Further difference in damage processes is indicated by the deformation behaviour illustrated in Fig. 21 for unnotched, open
hole, and filled hole specimens as well as for single and double shear joints. Increase in deformation is again plotted vs.
percentage of number of load cycles to final failure. By far the largest increase in deformation during cyclic loading is
observed for the joints. Bosed on the method used, the deformation measured in the case of single and double shear jpints

is the relative movement of the parts connected by fasteners. Thus lengthening of the holes due to bearing damage has a
great effect on the continuously measured volue. Whereas deformotion in single-shear joint of fibre composite laminate
grows to large values early in life the deformation of double-shear joints increases sharply only towards the end of life.

In comparison to the unnotched specimen deformation increase is larger for the open hole and smaller for the filled hole
specimens as expected,
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Heating at Notches, Acceleration of Testing

Economical reasons will force the investigator to cut down the testing time by increasing the loading frequency in the high
life range, as executed with the unnotched specimens, see Fig. 15. Then the problem of self-heating of the specimen arises.
Cooling by blowing room temperature air over the unnotched specimens subjected to high speed loading has proved to be
effective and admissable. Specimen surface temperatures remained below 50 °C and there was no difference between the
fatigue life of the low speed loaded specimens and that of the high speed looded and cooled specimens [ 2073.

The situation with notched specimens is different. Likely due to the very localized high deformations at the hole edge or near
the fastener much heating does occur at these places. This forces the test engineer to keep loading frequencies for constant
amplitude loading low. For example, the constant amplitude testing for the S-N-curves in Fig. 15 mentioned before were
carried out with realistic loading frequencies [ 21 J not larger than 5 Hz. Otherwise heating up to temperatures above

100 ©C may occur at the notch with looding speed of 20 Hz, for example, C20J. Even at 5 Hz a large temperature rise

was measured during the last 10 percent of life.

Fortunately heating was not cbserved during variable amplitude loading with frequencies up to 20 Hz. Here the problems
are with the realization of the environmental conditions simulating the in-service conditions. The testing time in combined
mechanical and environmental loading is governed by the forced heating and cooling rates, and by moisturizing- and
constant temperature-periods. Drastic acceleration of the actual temperatyre /moistureloading history is required to get
a practicable test programme. Thereby the criterion must be met that a critical structural detail subjected to an
accelerated test programme will develop the same damage growth and residual strength as under actual service conditions.
Acceleration examples obeying this criterion are given in the literature £ 22, 23 ].

iV COMPOSITE | AMINATE BEHAVIOUR UNDER REALISTIC FATIGUE LOADING

The evaluation of the ability of a composite structure or component to withstand the expected service life conditions
requires testing by a progromme that incorporates all the conditions essential to damage development, so that during
testing damage in a critical struclural detail develops the same way it does during actual service.

Comparative iesting used with realistic variable amplitude loading test programmes is needed to define those conditions.

In this respect a contribution was made by exploring (I} the effects of modifications of load spectra and (2) the effects of
different ways of accounting for the environmental conditions. Aircraft wing composite structure was considered which under
service conditions is subjected to repeated loading from toke-off and landing, flight-manoeuvres and atmospheric gusts and
simultaneously to cyclic changes in temperature as well as absorption and loss of moisture. For the mechanical loxding the
standardized programmes: "Transport Wing Standard Test" (TWIST) and "FAtigue Loading STAndard For Fighter Aircraft"
(FALSTAFF) were used. Details of these programmes are given in [ 24 J'and L 25 J. Since cyclic compressive loading is
generally more detrimental to fibre composites than cyclic tension, the pertinent load spectra for the wing upper surface
conditions were applied, see Fig. 22.

Effect of Spectrum Modification

The effect of n.odifications of these load spectra on the fatigue life were investigated with respect to allowable
simplifications and demands directed to service load recording and simulation. Regarding simplifications the largest pay~
off will, of course, result from omission of low loads with high frequency of occurrence, whereas modifications at the
high lood end of the spectrum will be of more importance to demands with respect to flight load recording ond

simulation. The modification, shown on Fig. 23 and 24 with the test results,comprise overloading, truncation of high
loads and omission of low and high loads. Omission of either high- or low-load produced lives longer than those obtained
in complete spectrum tests (baseline). Thereby life was more sersitive to omission of high loads. The increase of the
maximum loads in the FALSTAFF spectrum by only a factor of 1.1 reduced life significantly to 80 percent of that
achieved in baseline tests, whereas a truncation of the high loads by the same factor (see Fig. 24) showed no effect on
life. Of course the effect of overload will depend on the factor the maximum spectrum load is increased. For example
overload factors of about 1.25 reduced the lives of the unnotched specimen in Fig. 1 by a factor of 2.0. These results
stem from varicble amplitude fcigue testing with the load programme TWIST and one similar to FALSTAFF. Generally

the test results suggest that in defining test spectra for composite airfuil structure it might be advisable to include loads
with lower frequencies as once per 4 000 or 100 flights in the TWIST or FALSTAFF spectrum, respectively, which was found
being satisfactory for aluminium structure. More investigation in this direction is needed. Fortunately omission of the
lowest load levels of the spectrum shows promise for achieving farge reductions in test time without significantly changing
test results.

The results of life predictions by the linear damage accumulation theory of Palmgreen Miner, shown in Fig. 23 and 24,
indicate a general trend to overestimate the fatigue performance of details of fibre composite structure. More details on

this subject will be presented in the following lecture of this series.

Effect of Environment in Realistic Fatigue Loading

As has been demons?-~ted in the preceding lecture, the environment in which a composite structure op+rctes has consider-
able influence on damage caused by mechanical loading. The mechanisms cousing the effects of the en\:1:nment are two-
fold. On the one hand the polymer matrix softens at high temperature and high moisture content. On the other hand due to
hygrothermal anisotropy thermal stress- and humidity stress-cycling (swelling induced stresses) occur in the laminate
corresponding to changing temperature and humidity content. The effect of the environmental history expected in service
must therefore be accounted for in the fatigue evaluation of a fibre composite structures. At the present state of knowledge
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this requires quasi-realtime testing with simultoneous environmental and mechanical loading of the specimen. Of course,
this is a very expensive oand time-consuming testing procedure. To minimize cost and time allowable simplifications are
looked for. The simplification criteria must be met and the occeptability of simplified test progrommes may be checked by
comparison of their results with those of quosi-realtime testing. This procedure has been applied to the fatigue loading and
environmental conditiors of the upper surface structure of a fighter aircraft wing. The complex simultaneous environmental
and mechani zal looding realized in the quasi-realtime testing is explained in detail in C 231, Fig. 25 represents results
of the unnotched specimen in Fig. 1 from the still on~going investigation. In baseline testing the specimens were dry and
subjected to mechanical loading at room-temperature. In quasi-realtime testing the specimens were wet and subjected to
simultaneous environmental and mechanical loading; in simplified testing the specimens were also wet, but environmentol
loading was preceding mechanical loading at room-temperature . Beside the large detrimental effect of the simulated wing
upper surface environment on the life to fracture, the results confirm that environmental conditions and mechanical
loading interact in their influence on the damage growth in fibre composites. Thus, the attempt to cut down costs by
separating environmental loading from mechanical loading proved to be without success.

Residual Strength Degradation

Degradation of strength was shown in Figures 10 and 18 to occur at constant amplitude loading. The designer is confronted
with the requirement that the structure, despite the deterioration accompanying exposure to environment and repeated
loading in service, is able to withstand ultimate design loads ot all times during one lifetime. Therefore, he needs
information on how deterioration develops during exposure to loading and environment occuring in one lifetime. This
information may be provided in form of a residual strength curve which includes static ond residual strength as well as
fatigue life data, see figures 26 and 27. In this illustration the fatigue life ot fracture is interpreted os the life at which
the remaining strength of o fibre composite has dropped to the value corresponding to the maximum stress of the lood
programme . Test results are represented by the scatter beams stretching from 90 to 10 percent probability of survival. In
this manner the static strength results are plotted above N = 1, the residual strength results above the number of cycles
the specimens were preloaded with and the lives to fracture are plotted versus the stress level of the fatigue loading;
straight lines connect the average test resuits.

A characteristic difference in strength degradation is seen in Fig. 26 between the unnotched specimen and the double shear
joint both shown in Fig. 1. Whereas the unnotched specimen has suffered a significant strength degradation before it fails
in fatigue, the strength of double shear joints remained, even close to the end of their lives, on the level of the static
strength. Recalling the failure criteria and the failure mechanism preceding final failure of these specimen types the
difference in strength degradation could have been expected. For the unnotched specimen the failure criteria is total
fracture preceded by ply cracking and delamination and for the jointed specimen rapidly increasing hole lengthening wos
the failure criteria, see Fig. 21.

Also to the fatigue life data in Fig. 25 resulting from realistic variable amplitude testing, the results of residual strength
and static strength tests were added to form the corresponding residual strength curves in Fig. 27. The curves so far indicate

equal strength degradation behaviour at wing upper surface loading with and without superimposed environmental conditions.

\Y CONCLUDING REMARKS

Most of the data and information presented are related to cfrp-lamintes applied in air-frame structure. More or less
significant differences in fatigue response may exist when other composite laminate materials are considered. Some of
these difference were pointed out. Bearing this in mind the results and trends reported are:

- in Composite materials, there are a number of fatigue failures, such as delamination, cracking of the matrix,
debording and fibre breaking. They do not combine to form a single self-similar crack normally found in metals.
Instead they form a very complex damage state in the lominate.

- The domage mechanisms acting in tension are different from those acting in compression during fatigue loading.

- Compared to static loading more delamination and transverse matrix cracks develop under cyclic fatigue looding.
Static strength seems to be controlled by the fibres and the fatigue limit to be dominated by the matrix,

- Growing damage causes deformation increase (stiffness reduction) at cyclic loading and loss of static strength. in
the case of notched laminates a loss of strength may be preceded by an increose of residual strength.

- Strength- and stiffness-changes due to cyclic looding should be recorded and analyzed for design charts.
- Fatigue loading in tension-compression is more detrimental than fatigue loading in tension-tension.

- Stress concentrations reduce the static strength and fatigue strength in the short life region, in the long life region
their effects diminish. Thus the fatigue notch factor decreases with increasing life (in contrast to metal behaviour).

- Measures improving static strength may not be successful ot high cycle fatigue.

- In the analysis of service conditions special attention should be payed to high load occurence and environment
because of their large influence found in realistic fatigue testing of composite/lominates.

- Measures to avoid buckling at compression should not restrain realistic damage development. To avoid severe heat
generation at notches testing speed should be in the realistic range.

Generally, many questions on fatigue response of composite [aminate structure have not yet been answered. To a major port
these are related to the understanding of the fatigue mechanisms and of the exact processes by which the damage state
controls strength, stiffness, and life-time.
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Figure 5: Observed Particularities of Ply Transverse Cracks
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PREDICTION OF FATIGUE FAILURE

J. J. Gerharz
Fraunhofer-Institut fiir Betriebsfestigkeit (LBF), Darmstadt, Germany W.

I INTRODUCTION

Determination of ultimate life and residual strength is most important in the design of
economical and reliable air frames. Besides the parameters: expected loads, expected
environment, failure criteria and material behaviour, reliable prediction methods should
be available. For metal airframe structures Miner s cumulative damage rule is pre-
dominantly applied to predict ultimate l1ife. The linear elastic fracture mechanics
analysis provides the instantaneous residual strength of a damaged structural element,
when inspection reveals the crack length. By periodic inspections those structural
elements with cracks larger than a critical length are rejected. The maximum possible
crack length remaining is therefore known and the corresponding residual strength and the
remaining life can be calculated (deterministic approach). An equivalent method to
calculate residual strength and total life of an element is required for conposite
structures. No inexpensive and simple inspection methods presently exist for composites
whereat the weakest structural members can be screened out. Therefore one needs to
determine the residual strength distribution. The interest is in the lower end of the
frequency distribution and therefore the Weibull extreme value distribution is used to
describe the weakest element data (statistical approach).

Life prediction models offered in the literature are summarized in Fig. 1. The new models
can be grouped into those with general applicability, as for example:

- the mechanistic model by Pipes et. al I 26 I,

- the fatigue fracture model by Hashin and Rotem I 28 I and

- the purely empirical model (statistical approach) by Hahn and Kim I 1 I and Awerbuch
and Hahn 1 2 1

and into models with restricted application, as for example:

- the wear-out model by Halpin et al. 1 6 1 (statistical approach) for unnotched
laminates,

- the strength degradation model by Hahn and Kim 1 1 1 and Yang and Liu I 3 I
(statistical approach) for unnotched laminates; and

- the delamination propagation model by Ratwani and Kan I 111 and Prinz I 12 I for
tension-compression and compression-compression fatigne loading.

With exception of the Fatigue Fracture Model by Hashin and Rotem all other models are
based on power law damage growth equations. Thus these models are able to estimate
residual strength and life to final failure assuming a pre-existing flaw. The main
differences in the outcome and in data required for their practical applications are
summarized in Fig. 3 and 4. The Fatigue Fracture Models of Hashin & Rotem predicts
laminate fatigue behaviour from ply fatigue behaviour via failure functions which
differentiate the failure modes: fibre failure, matrix failure, and interlaminar failure.
As basic material static strength data for static failure, fatigue strength data (SN-
curves) of the lamina and of simple angle-ply laminates are needed here with the fatigue
failure functions. The authors claim good agreement of test results with the predicted
fatigue failure mode relevant to the specific laminate. This is not a damage growth model
like the others. It was included to mention the possibility of deriving laminate SN-
curves from lamina fatigue data.

This presentation comprises the following:

- the damage growth models will be briefly commented on

- the applicability of Miner’s rule to fibre composite life prediction is evaluated and
- a practical application of the strength degradation concept is demonstrated.

II LIFE PREDICTION WITH MINER’S RULE

The Miner Rule is the most applied method to determine fatigue life of metallic aircraft
structures. MN: ./ ertheless, experience has shown that calculated damage sums at actual
fracture of typical structural metallic elements and materials may vary between 0.3 and
5. It seems to be useful to evaluate the applicability of Miner’s rule to composites,
since it is easy to apply and empirical modifications may be found with increasing number
of tests. Therefore results of life prediction with Miner s rule are compared with
results from variable amplitude loading of fibre composite structural features.

The test results and the calculated life of unnotched cfrp-laminate specimens subjected
te FALSTAFF upper surface loading (predominantly compressive) are shown in Fig 5. For
.uis standardized 1loading (predominantly compressive) are shown in Fig 5. For
this standardized load programme as well as for the modifications reported in the
preceding lecture the results of the Miner calculation are on the unsafe side. The ratios
predicted life/test 1ife were between 2 and 3. With the same specimens damage calculation
and tests were carried out by Hahn and Weisgerber,I 17 I, using 5 different
flight-by-flight loading programmes. All load programmes had most of their loads in
compression. Comparison of test and calculation results showed that the Miner Rule, with
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at the endurance limit and varying the counting methods applied to the test load history
did not change the results.

Ref. I 15 I reports some results of flight-hy-fliiht testing (FALSTAFF upper surface)
with bolted double-shear joints of the c¢frp laminate. The tests were run with different
loading speeds. At Iow speed testing (5 Hz) the predicted life was on the unsafe side and
for the high speed testing (25 Hz) the calculated life was on the safe side. Because
there were only a few jointed specimens tested, this outcome presents just a tendency.

There is higher significance to the following results received with bonded cfrp-titanium
step joints, I 14 I. Test lives and calculated lives are plotted in Fig. 6. The testing
programme was again FALSTAFF for wing upper surface. The comparison of the results shows
that the Miner calculation overpredicts the test lives by a factor 2.0 in the average. In
Ref. I 18 I, Waddoups reports similar results for bonded titanium-cfrp joints. He found
overestimates of test lives in the range 2.2 to 2.8.

Open hole specimens were used by Whitehead, I 19 I, Rosenfeld und Huang, I 20 I, and by
Phillips I 21 I, in flight-by-flight testing with typical airplane wing load programmes
for the upper surface. The Miner Rule again overestimated the lives to fracture resulting
from the tests. The ratios of predicted life to test life were 4 to 31 in the invest-
igations by Whitehead and 2 to 170 in the investigations by Rosenfeld and Huang. Phillips
examined the influence of load omissions in the standardized programme TWIST (see
preceding lecture) and found predicted lives being larger than corresponding test lives
by factors ranging from 7 to 20.

Test lives and predicted lives using Miner’s Rule are summarized in Fig. 7. The data
points represent average values, It is clearly illustrated that Miner’s Rule does not
predict the test lives with satisfying accuracy and it“s results are generally
non-conservative. Nevertheless it is believed that it may become a useful tool in fatigue
design of composite structure since:

- with increasing amount of flight-by-flight test data an empirical adjustment of
the damage sum (X n/N) will become possible

- it can be expected that empirical damage values emerge being associated with classes
of structural elements. The data summary in Fig.7 does not so far reveal such a
correlation

- Miner’s Rule is easy to apply in an early design stage.

III FATIGUE FAILURE PREDICTION MODELS FQR FIBRE COMPOSITE LAMINATES

T he Wear-out-Model I1 61

The wear-out-model applies functions of the linear elastic fracture mechanic, accordingly
it is assumed that damage grows perpendicular to load direction. Thus, longitudinal
matrix cracks frequently observed at open holes can not be described by this model. It is
the feeling that this method still relates strongly to the crack propagation of in-
homogeneous materials. But, compared to the initiation and propagation of a single
dominant crack occuring in metals, the nnset and growth of many different failures
characterize the fatigue behaviour of composite laminates. Due to the inherent hetero-
geneity of these materials cracks in composites do not have the same implication as in
metals. Typical failures as:

broken fibres,
matrix cracks,
debonded fibres, and
delaminated plies

do not occur separately but interconnected. It is therefore difficult, if not impossible
to identify growth directions at all.

T he Strength Degradation Model

Because of this rather statistical nature of composite fatigue behaviour the strength
degradation model takes a phenomenological approach starting directly with the mathe-
matical description of the strength degradation rate, accounting for the appropriate
relation between ultimate strength and fatigue life. Therefore, physical events have not
to be specified within this model. The strength degradation model has been developed by
Yang et al. I 3, 7 I to universal applicability for unnotched composite laminates. For
example, the deterministic fatigue model proposed by Broutman and Sahu, I 26 I, and the
wear-out model by Halpin and Waddoups can be derived by some approximations of the
strength degradation model. Verification testing shows that predictions are close to
experimental results. One drawback of this model is that it can not consider increase of
residual tensile strength observed in preloaded open hole specimens.

The basic assumptions of this model are:

- strength of the laminate is reduced somewhat by every load cycle

- fatigue failure occures, when residual strength has dropped to the maximum stress of
the fatigue loading

-~ the rate of degradation at the nth load cycle is a power function of the current
residual strength, S (N), and the current maximum cycle stress S
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- strength and life data of a single specimen are statistically interconnected.

This implies the following: Could the same specimens be loaded to static and fatigue
fracture, then one specimen out of the sample would, for instance, take the third rank of
the ordered results from both, the static strength and fatigue testing. The strongest
specimen in static strength would also be the strongest in fatigue. This assumption is
therefore called the "strength-life equal rank™ assumption. If this holds, then it is
felt that damage under static loading should develop the same way it does under cyclic
loading. This preferably seems to be the case for unnotched specimens, I 2 I. Fatigue
loaded open hole specimens frequently broke in the gross section I 4, 5 I, whereas
statically loaded they fractured in the net section. Thus there is a controversy whether
or not the strength-life equal rank assumption is valid in notched laminates.
Nevertheless, this assumption eases not only the predictions of residual strength and
life but also provides the base for the so-called proof load method. By periodic proof
loading of a composite structure the weakest structural members are screened out. For the
remaining members a minimum life is guaranteed which corresponds statistically to the
static strength being equal to the proof load stress. Proof loading and it’s appli-
cability have received some discussion in the literature as for example I 27 I.

It has also been observed that the composite residual strength drops sharply within a
very short period at the end of life. This is called "sudden death™ behaviour, I 24 I. It
is assumed:

- the strength does not change with every load cycle

- ecyclic loading causes laminate "damage" which does not lead to strength degradation.
In case of this behaviour no life predictions are possible by a "strength degradation"
model.

A comparison of the Miner concept with the statistical concept such as the strength
degradation Model reveals a fundamental difference:
- the damage calculation by Miner’s Rule applies average data,
- within the strength degradation model 1ife and strength data are treated as random
variables.
The residual strength distributions and the distribution of the ultimate life is derived
from the distribution of the static strength. This should be remembered when speaking of
life and residual strength predicted by the strength degradation model. There is, of
course, a distribution function needed. As already mentioned, the Weibull extreme value
distribution was chosen. The characteristies and the applicability of the Weibull
distribution to fibre composites data have received extensive discussion in the
literature, as for example I 6 I and I 25 I. In the following some differences and
correlations between the Weibull and the familar normal distribution are briefly pointed
out.

The normal distribution is applied to the logarithm of life to failure because life to
failure cannot be negative, but a normally distributed variate can take on negative
values. Thus the log-normal distribution is fitted to the life to failure data. The
curves corresponding to the probability density functions of the Weibull (of > 1.0) and
log-normal distribution reach zero probability of failure at zero life time. But, Weibull
and log-normal distribution differ in their hazard functions of their practical domain.
Whereas, the harzard functions of the Weibull distribution increase with life time, the
hazard functions of the log-normal distribution decrease after an initial sharp increase.
Thus, the Weibull distribution implies that with increasing life time the number of
specimens that survice a certain life time decreases relative to the number of specimens
that broke exactly at this life wh=ereas, the log-normal distribution implies the
contrary. Therefore, the Weibull d.stribution seems to be more appropiate to the
situation considered here. However, statistical analyses of test results have sofar not
revealed that the Weibull distribution fits the data significantly better than the normal
distribution.

The application of the Weibull distribution is preferred because it is more easy to work
with. It’s cumulative function for the fraction of population failed at x is:

FO) = |- exo [F5)%]

where g is the “‘scale” parameter or the characteristic value of the random variable x occurring at the 63.2 percent failure point and
a is the ‘‘shape™ parameters. The estimation of the parameters can either be done graphically using so-called probability paper, or
by the maximum likelihood method as recommended in I 16 1. The Weibull parameters correlate with the parameters of the normal
distribution through the mean or expected value and the coefficient of variation:

- expected value: Ex) =po= B (& +7)
- coefficient of variation: &jfu = [I(2/M -1) - ? (i« ‘l)]b//_(iL +1)

where [~ = standard Gamma function.
Thus the scatter is proportional to 1/« and the relations indicate a sharp increase in
scatter (6/¥) when of becomes smaller than 4.0. The mean and the median (F(x) = 0.5) do
not generally coincide as for the normal distribution. At ol = 3.75, when the mean and the
median are equal the Weibull distribution is a good approximation of the normal
dictribu.ion.
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Delamination Propagation Model

As shown in the preceding lecture, compression is more critical in fatigue loading than

tension. During tension-compression loading extensive delamination cracking occurs. The

delamination governs the damage development preceding the final fracture. The observed
mechanisms I 11, 29 I are:

- out of plane buckling and frequent instability cracks of delaminated plies, which
finally result in the collapse of the laminate plate. The location of the delamination
can be obtained by the analysis of interlaminar stresses.

- Ryder and Walker, 1 30 I, have observed a threshold stress at which delamination does
not propagate during tension-compression loading.

- They also observed that the size of the delamination at failure was small for large
compression loads, and vice versa. Thus load dependent critical delamination sizes
exist, which can be determined by the Euler formula.

Based on these observations and assumptions Ratwani and Kan, I 11 I, developed a
delamination propagation model to calculate ultimate life. Within the verification
procedure the authors found that fatigue data from various sources fell in one
scatterband when plotted as function of interlaminar .near stress range. The correlation
found might be improved by introducing an equivalent interlaminar stress considering
shear as well as normal stresses. Ratwani and Kan verified the model with fatigue data
comprising results of various laminate-struct .res and of unnotched and notched specimens.
Prinz, I 12 I, has expanded the model to residual strength prediction of unnotched
laminates. In both applications the delamination propagation model was claimed to give
good correlations between predicted and observed data.

Mechanistiecec Model

A completely different approach to the problem of life prediction in composites has been
considered by Pipes et al, I 26, 5 I, They specifically consider the problem of fatigue
in notched laminates, although the philosophy can be applied to all laminates. In notched
boron epoxy I 0p/ +U45 Ig-laminates they noted that the fatigue failure mode was often
different to the static failure mode. Statically the notched specimens broke in the net
section, whereas fatigue loading caused severe delamination and fracture in the gross
section. The strength-life equal rank assumption is probably not valid in notched
laminates. The mechanistic model does not involve this assumption and can accommodate the
increase in residual strength found in notched composites.

The basic assumptions of the model are:

- repeated load applications cause a degradation of the basic material properties, viz
tension, compression and shear strengths and the corresponding elastic moduli. It is
assumed that the material around the notch will be degraded faster than elsewhere due
to the high shear stresses which exist in this region and that the rest of the
laminate will experience little deterioration, see Fig. 8.

- The fatigue degraded properties are then used in a static failure function to predict
the residual static strength, fatigue failure occurring when the strength falls below
the fatigue load.

~ The static failure model can incorporate different failure modes and the
re-distribution of stresses due to changes in the elastic moduli can cause failure to
occur in a different mode to that observed statically.

This model relies on the mechanical behaviour of the single ply. This has the advantage
that once these basic (material) properties have been established, their values can be
used for all lay-ups, given a general strength model. Of course, also the mechanistic
model requires empirical derivation of some constants. Generally, however, the
experimental effort is less compared to the statistical models. The development of this
model to> design applicability has not been completed yet. A critical link {n this model
seems to be the failure function, which should also handle the interlaminar stresses
causing delamination. One should also be aware that much of the fatigue damage in
composite laminates occurs long before ultimate failure and, hence, there can be many
types of suberitical failures. Much more details to this model are presented in Ref.

I 31 I and, of course, in the publications of the research workers developing this model.

Iv APPLICATION OF THE STRENGTH DEGRADATION MODEL

For a safe life design of a composite structure it is required that:

- the "A"™ values of residual strength do not drop below the design ultimate stress
during the total design life and

- the specified life is less than the actual life at a required probability of survival.

This situation is illustrated in Fig. 9. Considering for example the upper surface wing
structure of a fighter aircraft the relevant data needed for the proof may either
directly derived through flight-by-flight testing with FALSTAFF load programme or by life
prediction using constant amplitude fatigue data. The experimental way may go without
residual strength testing when the exponents of the residual strength curve are known. In
the following the strength degradation model is applied

- to the presentation of the results from flight-by-flight-, residual strength-, and
static strength testing (the corresponding distribution parameters are determined)

- to derive the exponents of the residual strength curve for future application of
the model without residual strength testing being necessary and finally,
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- to determine residual strength and life to failure from SN-data, wusing the
distribution parameters derived by data analysis.

Unnotched feature and double shear joints, see Fig. 10, of the wing upper surface
structure are evaluated. For all three cases the analysis results are plotted in form of
constant reliability curves in diagrammes which show the instantaneous strength as a
function of number flights (residual strength curves). The test data points from Fig. 11
are included in the diagrammes for comparison. The static strength data S(o) are plotted
vs. N = 10 ©, the residual strength data S(N) vs. number of flights (N) of preloading,
and life to failure data at the stress level (maximum spectrum load) S.

In SN-diagrammes life data on several stress levels are connected with static strength
data by constant probability curves. Likewise in residual strength diagrammes the static-
and residual strength data are connected with the life data., But within the statistical
analysis for the determination of the percentile residual strength data (as for example,
90 percent and 10 percent probability data) it must be considered that the residual
strength results stem from surviving specimens. Those which did not survive cyclic
preloading because their residual strength had already dropped below the preload stress
level before the preloading had ended must be incorporated in the analysis. This is made
possible by the strength-life equal rank assumption which is part of both the empirical
and analytical strength degradation model.

Analysis and Presentation o f Test Results by
t he Empirical Strength Degradation Model

The cumulative distribution functions by which the values of static and residual strength
as well as of the life to failure for a given probability of survival are calculated, are
listed in Fig. 12. The equations for the static strength and the life to failure are both
the two-parametric Weibull distribution function. Estimates of the scale and shape
parameters Bg, By and og, op, respectively, were determined from the test results (Fig.
11) using MLE method for censored samples I 16 I.

Because the residual strength data stem from surviving specimens the corresponding
distribution function must resemble conditional probability, see Fig. 12. For the
parameters of the conditional distribution function no equations for a maximum likelihood
estimation (MLE) are available. Therefore the graphical method is used to determine Op
and Bp. The median rank estimates are applied for the data plotting on probability paper
and linear regression analysis provide the estimates of the parameters. In the course of
the analysis it was recognized that the second term in the conditional distribution
function (Fig 12) would have a very small value and could therefore be deleted. Thus, in
the present situation, the simplified distribution function (S, S) exp I-(Sp/Bp) I
could be fit to the residual strength data by maximum likelihood estimation of B, and op.

The parameter estimates used for the data presentations are summarized in Fig. 13. The
shape parameters put in parentheses are weighted average values which include MLE s from
former test series with unnotched I 4 I and jointed specimens I 15 I of the same configu-
ration, material and laminate. Because the weighted average values are more represen-
tative than those from one sample only, they are used in the calculations that follow.
The static strength-, residual strength-, and life values for given levels of probability
of survival can be easily calculated using the equations shown in Fig. 11. The results
are called percentiles. The percentiles corresponding to the reliabilities 0.1, 0.25,
0.75, and 0.9 are listed in Fig. 14 together with the averages of the test results. The
tenth and ninetieth percentiles as well as the averages (expected values) are plotted for
the unnotched specimen in Fig. 15, and for the jointed specimen in Fig. 16. The data
points of the averages and the points of equal probability of survival are connected by
straight lines. These are the residual strength degradation model. Of course further test
results are needed to increase the statistical significance of the outcome. Comparing the
residual strength curves in Fig. 15 with those in Fig. 16 a difference in fatigue
behaviour is revealed, which was already presented in the preceding lecture.

Presentation of t he Test Results by t he
Analytical Strength Degradation

The Determination o f t he E xponent of the
Residual Strength Curves

Residual strength curves are now fitted to the results of the static strength-residual
strength-, and fatigue-testing (Fig. 11) using the analytical strength degradation model
of Yang and Jones, I 7 I. As mentioned already a power function describes the degradation
of the residual strength. The relation between the strength, S(N), and the life, N, is
of the same form as that one developed in the "wear-out" model I 6 I, that is:

- ~v .
5V (n) = 5°0) - F(5,5.,)N

where 5(.) =S(-)/B,

The last term of this equation is a linear function of the load time with the linearity

factor f(5, Seo) » Most of the crack propagation formulas for homogeneous materials also
have this linear relationship.
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With the assumptions already listed in the appendix and by substitions and
transformations Yang and Jones, 1 7 I, obtained the following mathematical description of
the residual strength - life time relation:

Sm-3 N

zv SV _ N
S = S 3% -3¢ B, (2)

The exponent ¢ is the ratio of the Weibull shape parameters, ¢ = ag/dy, and the exponent
v is the slope parameter of the residual strength curves. The effect of this parameter on
the strength degradation curves is schematically illustrated in Fig. 17. The value of v
is determined by fitting the curves to the test results. In doing this one has to recall
that S(N) and S(o) are random variables, consequently their values are given by their
adherent distribution functions. With S‘(o) being the static strength at the probability
of survival y and based on the strength-life equal rank assumption the equation of the
constant probability curves Sy(N) = f(N) is obtained; with the substitution of S‘(o) =
(-1ng)#s (see Fig. 12) into equation (2), that is:

¢ %,
S‘(AU b i% Z7ZL”J)VG' - ) 2= 5 (3)

R, (Lhw)ga‘--gc

With v = 8, found by curve fitting, the residual strength curves fit the test results of
the unnotched specimens best.

Fig. 18 shows the corresponding strength degradation curves of 10 and 90 percent
probability of survival and of the average values. The distribution parameters used in
equation (3) to calculate the percentiles are those derived from the statistical data
analysis, see Fig. 13. The same values had already been used in the data presentation by
the empirical strength degradation model shown in Fig. 15.

Comparing the outcomes of the empirical model with those of the analytical model one
notes that the constant probability curves, as for example the 90 percent curves, do not
end at the same ultimate 1ife values (at S(N) = §). This discrepancy exists because for
the ultimate life different distribution functions are applied. That is for the
analytical model:

gy = exo [-(£ + 39)%]
and for the empirical model:
g = eqp‘E:Ci)“ﬁl

The additional term in the first equation decreases the ultimate life at 90 percent
probability of survival indicating larger scatter as in the empirical model.

For the test result of the double shear joint no exponent was found that could make the
strength degradation curve fit reasonably well to the test results. The presentation of
the test results with the empirical model, Fig. 16, demonstrated that the strength of the
double shear joint remained on the initial level up to 70 percent of the ultimate life.
The displacement measurements revealed that at the preload level of N = 104 flights the
majority of the joints had not experienced an increase in displacement larger or equal
0.3 mm which is the fracture criteria. However, with continued load cycling a rapidly
increasing displacement, already observed under constant amplitude loading, occurs. It is
therefore concluded that the sudden death model should rather be assigned to the residual
strength behaviour of cfrp double shear joints,

Predictio o f Life

n n d Residual Strength with
Strength Degradatio

Model

a
n

Like Miner’s Rule the prediction by the strength degradation model applies constant
amplitude SN-data. However, for each load level of the load spectrum not only the number
of cycles to fracture but also the strength degradation curves for the constant amplitude
loading are needed, that means the exponents of equation (3) must be known. They are
assumed to be constant in the life cycle range 103< N = 107,

On the other hand, the strength degradation predicts not only life to failure but also
the residual strength in relation to the fatigue loading period. Furthermore not only the
average values but also the statistical distributions of residual strength and life to
fracture are obtained by the model.

In the following constant probability residual strength curves are determined for the
unnotched specimens subjected to FALSTAFF upper surface loading. The constant amplitude
SN-data presented by the constant life diagramme in Fig. 11 of the preceding lecture were
used. In a residual strength diagramme the predicted residual strength is compared with
the test data. Also a comparison is made between the life to failure predicted by the
strength degradation model with the one predicted by Miner’s rule.
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Prediction of Residual Strength

If the degradation of the residual stress by each single load cycle or by each cycle
block of the load programme is considered,

- the residual strength after k-load cycles is

50+ 570~ 5 &) *)

Yl

- the residual strength after j-blocks is
-’ =y m n-
5°6) - 5 2 7. ()

lcd
where 2?/# is the number of load cycles in one block,
ing
= v
J = 5"(0)'3.'
A —_—

d = =
an 50 -3F

These equations were derived from equation (3).

Fig. 19 illustrates how the strength degradation model and Miner s Rule accumulate damage
during a simple 3-step loading sequence. From this illustration it is clear that opposite
to Miner s Rule, the damage sum depends on the load level at final failure. The damage
sum also correlates with the shape of the residual strength curves, that means with the
values of the exponents ¢ and v.

For constant amplitude loading of the unnotched specimen residual strength curves were
not established for the established; instead it was assumed, as recomended by Yang and
Jones, I 7 I, that v = ¢. With J; = 1.0 and 3%(0) = (-ln;P“L the equation (5) becomes

Sy ) = fe [Cing)%e - 5 ] & €

'

This is the equation needed for the prediction of residual strength at given levels of
reliability y . Here, ﬁL,i are the lives to fracture from the SN-curves and y is the
reliability or the probability of survival. Scale and shape parameter Bg and ajg were
taken from Fig. 13, The shape parameters o, were determined by the statistical analyses
(pooling) of the constant amplitude fatigue test results I 4 I. On the load levels of the
FALSTAFF upper surface programme shape parameters between 0.7 and 2.0 evolved. For the
prediction of = 2.0 was chosen. This value adheres to the load levels with the larger
sums of n/N. With these distribution parameters the residual strength after 3 to 150
blocks (j = 3,..., 150) were calculated for 10, 50 and 90 percent probability of
survival. The results of the calculation are shown in Fig. 20 in form of the familiar
strength degradation curves. The test results fall between the 90- and 10-percent curve.
But compared to the residual strength curves fitted to the available FALSTAFF test
results chown in Fig. 15, a larger scatter is predicted. The predicted residual strength
at 90 per~~ent probability of survival is less than that resulting from test data
analysis. This is related to the difference of shape parameters. The cycles to failure at
constant =amplitude loading showed larger scatter (of = 2.0) than the flights to failure
at flight-by-flight loading (d}, = 4.0) which is a well known fact in metal structure
behaviour.

.

Prediction of Life
By substitution of the fatigue failure criteria:

Sg (1)

3 and
B L

/200 (the FALSTAFF load programme has 200 flights per block)

into equation (6) and by some transformation the equation of life prediction is obtained:
(-tng) - (3/8,)¢
2
izy phi

Thereby, it was assumed that the specimens fail when the maximum stress (3) of the load
spectrum occurs. The corresponding equation of life prediction by Miner’s Rule is:

L = — - 200
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]
where L and Nj respectively are the average values of life and load cycles to failure. To
compare the life prediction from the strength degradation model with that from Miner’s
Rule the ratio of the predicted lives is considered on the base of average values. With
S(o) being the average static strength this ratio is:
X)) [_) b
L,,,,,,,. [‘33 s o )
Because of 0 < 3(0)/Bg < 1 and § < S(0) the ratio of predicted lives is: !
4
L ]
L3029 < 10
L”I'hﬂ
-0
Principally the strength degradation model provides smaller lives to failure than the
life prediction by Miner. In view of the fact that life prediction by Miner’s Rule
overpredicts the actual 1life to fracture the predictions by the strength degradation :
model are closer to reality. This is demonstrated by some examples in the following ;
table: 4
o
Predicted Life/Test Life ¢
Specimen Load Level Miner Strength Degradation 4
unnotched - 640 N/mm2 3.6 2.5
- 710 N/mm2 3.1 1.9
bolted joints - 380 N/mm2 3.0 1.7 ;
bonded joints - 240 N/mm2 2.0 1.1 A
(titanium-cfrp) - 260 N/mm2 2.2 1.5
- 315 N/mm2 1.9 1.4 ]
3
v CONCLUDING REMARKS 4
q
Methods of failure predictions for fatigue loaded fibre composite laminates were reviewed . ‘
exhibiting their most important characteristica. For unnotched cfrp-specimens subjected
to FALSTAFF upper surface loading life to failure was predicted by Miner”s Rule and by
the strength degradation concept. The predicted life was compared to the test life.
Finally, it is to say that it was not intended to verify the strength degradation model,
but to demonstrate it“s applicability.
In summary it was found: '.,1
regarding the published fatigue failure prediction models 1
- besides Miner and Relative Miner further universal models and methods are:
» the mechanistic model by Pipes et. al, I 5 I, and
+ the method of Hashin and Rotem, I 9 I 1
- other important models and their field of application are: o
the wear-out model of Halpin, I 6 I, for unnotched specimens 1
the strength degradation concept I 1 3, 7, 25 1 for unnotched specimens .]
the delamination propagation model I 11, 12 I at fatigue loading largely in
compression, .
the percent failure (Miner-)rule I 25 I for life data with large scatter :
- the strength degradation concept used here is the best verified model :
- the models predicting laminate failure from ply failure are the mechanistic model and !
the method by Hashin and Rotem; for these models would require only a small amount of {
v2sting; the other models need SR data for each laminate stack-up. )
- with all statistical analyses the Weibull distribution functions are used ‘.1
regarding the presentation of test results in residual strength diagrammes: )
- static strength, residual strength and life to fracture data could be correlated
through curves of constant probability of survival; this was made possible by a purely
statistical analysis procedure by Awerbuch and Hahn, I 2 I, as well as by the method
of Yang and Jones, I 7 I, through the statistical analysis of the static strength and )
ultimate life data and the fitting of the strength degradation curves of constant .
survival probability to the results of the residual strength testing .
- the two methods did not give equal results:
* the test results of double shear bolted cfrp joints could only be analyzed by the :
method of Awerbuch and Hahn, I 2 I; because of non-existing strength degradation
the method of Yang which is based on strength degradation could not fit the data;
the tes® result of the bolted joints rather follow the "sudden death" model,
I 241,
* the analysis by Yang and Jones resulted lower averages and larger scatter of
ultimate life as the method of Awerbuch and Hahn; Y
- the analysis method of Awerbuch and Hahn is only useful if at a given number of
preload cycles more than one residual strength test is carried out; the model of Yang A
and Jones does not have this restriction
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the criterion for a reasonable application of both models was met: unnotched and
double shear joint specimens show the same mode of fracture after monotonic and cyclic
loading

regarding the evaluation of Miner’s Rule application:

Miner’s Rule stcongly overestimates the safe life of composite structures; an
improvement will probably be reached by empirical fitting

and finally regarding the application of the strength degradation (st. deg.) model

life to failure as well as residual strength was predicted by the st. deg. model

the prediction includes not only average values but also statistical distribution of
the the residual strength and of the ultimate life; the distribution of the static
strength must be given

the application of the st. deg. model therefore requires determination of the
Weibull parameters for the distribution of the load cycles to fracture and of the
static strength

the st. deg. method principally predicts shorter lives to failure than Miner’s Rule
the predicted ultimate life and residual strength at 90 percent probability of
survival were smaller than those of the test results (preciction and analysis with the
st. deg. model)

LIST OF SYMBOLS

c ~ parameter (exponent) of strength degradation, ¢ = og/o[,

E(...) - expected value of ..., average value of ...

J - number of cycle blocks of a load programme; one block in the FALSTAFF
programme comprises 200 flights

J - parameter of the damage sum; J = (3v(0)-83v) /(3¢(0)-8¢)

L - ultimate life at programme loading

L‘ - wultimate life, reached or exceeded by ¥ -percent of all specimens;
the value of ultimate life for reliability x

N - number of flights

nj - number of load cycles at programme load level i

Ny - number of cycles to failure (from SN-curve) at programme load level i

S; S(0) - static strength

S - residual strength

S(...) - residual strength at life ...

5 - highest stress in load spectrum, the variable amplitude test load level

§(...) - S(...)/Bg

§ - S/8g

S‘(O) - the value of static strength for reliablity &

SJ(...) - the value of residual strength at life ... for reliablity y

Sq - stress at load level i, the constant amplitude test load level

v - parameter (exponent) of the residual strength degradation;
determined by curve fitting

of - shape parameter of the Weibull distribution function

B - scale parameter of the Weibull distribution function

X - probability of survival; for instance: (L) = P L > LJI

Indices:

L - 1life

r - residual strength

s - static strength
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Definition:

X(Srls) - probability of the residual strength being larger than a value S under
the condition that the residual strength is above the preload level S;
J(SplS) =P L (Sp > S)I(Sp>3) 1

APPENDIX

Assumptions used in the strength degradation model (analytical)

fatigue fracture occurs, ghen the residual strength S(N) has dropped to the load level
stress of the preloading and this happens at the load time N = L, then:

£05,3.)= [5'-3"] /L
where L is a random variable,
the static strength data follow the two-parametric Weibull distribution function
y(s)=exp [-3%(0)]
the ultimate life data (N = L) follow the truncated distribution function:
g =exp [~ (4 +3°)%] for L =0
Jo =0 for L<0O

where ¢ = ofg/df,

static strength and ultimate life are statistically correlated, strength-life equal
rank assumption:

80s) = ¢ ()
thus with the equation givemabove

L = ﬁa (§C_<§ﬁ)
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Life Prediction Models

Miner's Linear Damage Accumulation

8-13

— Strength Degradation, Analytical Model [3,7, 22]
— Mechanistic Model of Pipes, Kulkarni et ol.[5]
— Wear-out Model of Halpin et al. [6]
— Fatigue Fracture Model of Hashin g Rotem [9]
— Delamination Propagation Model by Ratwani & Kan [1 1]
— Strength Degradation, Empirical Model [1, 2]
Figure 1: Fatigue Failure Prediction Models for Fibre Composite Laminates
Source Method Result of Application Input Assumptions ond Relations
Calculation
Miner Rule average life unnotched and constont life curves linear domoge accumulation
(Percent Life Rule | (deterministic) notched specimens for the laminate damage wmzi‘a 2 Life
L2520 used up
Cou, Alper Percent Failure stafistical distribution ot large scotter of cycles - comst. life curves ~ linear damage accumuviotion
1977, in: L2513 Rule (Miner) of life to failure = distribution of life ~ Weibull distribution
(lominote data) = sum of foilure probability
- ? AFI (n;)
Hahn, Kim, Residual Strength | strength and life in generally for analysis and = static strength data - strength-life equol ronk
1975 1] Degradoti lation to probability presentation of - residual strength data - Weibull distribution
Awerbuch, Hohn, (Empiricol Model) | of survival test results - life 10 foilure
1977 £2] ___(lominate data)
Halpin et, ol . Wear-out - residuol strength curves | not for hed speci - distribution p - strength life equal rank
1973 €63 of constant probability {residval strength § - hanics properties |~ crack propagation power
- distribution of residual is not d for) - static strength dota function (LEFM)

strength ond life of
failure

- Weibull distribution

Yang, Liv, 1977 £33
Yong, 1978 C223
Yong ond Jones 1978,

Residual Strength
Degradation
(Analytical Model)

- residval strength curves
of comstant probability

distribution of residual

not for hed 2!

dictriba ti,

(residual llreng'hrl ncrease
is not idered:

- const. life armm or
SN-parameters

~ strength-life equol rank
- degradation rate power funchi
- Weibull distribution

Prinz, 198}, C123

C73 strength and life ot (laminate data)
failure
Chou ond Cromon, Sudden Death distribution of life 1o no decrease or increase of - distribution of static strength |~ strength-life equal ronk
1978 C24] fatlure residual strength
Kulkarni, Pipes, Mechanistic Model | ch istic {or ge) hed and hed - mechanical properties of the |- fracture function
1977 53 (in development residual strength and life | specimens (Increase in Pply - degradotion of strength and
stoge) ot failure residual strength will be - ‘parometer of the chonge in stiffners
predicted stress-strain behaviour = stress anclysis at the notch in
(stiffness reduction) each |ayer
Rotwani ond Kon, Delaminoti. ge residual wgth | fotigue loading in pressi - thick of delominated plies |- delamination go domog
issoCNN] Propagation and life ot delamination (1-C and C-C) ~ interlominar stresses development

= compressive strength

= Euler critical buckling
- interlominar stresses ot the
delominotion crock tip

Rotem, 1977 C93 Fatigue Fracture average of life at critical | fotigue loading in tension - mechanical ply properties - criticol stresses ore included
Function fatlure mode - SN-curves of lomina ond
simple angle-ply lominote
Figure 2: Brief Summary of the Methods Applied in Fatigue Failure Prediction Model for Fibre Composite Laominates

.

. .'

’ )

1

S »

M. |
«

.

'
‘e
ahabod o4 g da s i

PR SN NP |

t
Il
4




Z:i:I 814

L

- Models: Outcome:

Strength Degradation Model — Constant Probability Curves of

and Wear-out Model: Residual Strength and Life to Failure
LS

- Needs:

;[ 8 “Strength-Life Equal Rank”

E : N Assumption Strength

I

Delamination Model
and Mechanistic Model: — Average Residual Strength and - T
Life to Failure :

OSE" RN
C . ) '_. M '.v' :
)
)

L T §
‘. " '-'.

Figure 3: The Main Difference in the Outcome of the Fatigue Fature Prediction Models

Required Data:

3
b

Strength Degradation: — Distribution Parameters™ EIN

3 — Static Strength 5
X — Laminate SN-Curves ;
e

F Wear-out Model: — Distribution Parameters* Tt
- — Static Strength
; — Fracture Mechanics Properties -
- ¢
Delamination Model: — Lamina Properties o ﬁ
— Delamination Threshold o

— Compressive Strength

.4

Mechanistic Model: — Lamina Properties -"’"-"”14

-~ Stiffness Reduction Data E

(Change in Local Stress Strain |

Behaviour) D e

.Strength and Life Data :

Figure 4 Required Input Data for the Fatigue Failure Prediction Models . "
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Ultimate Strength Material: CFRP T300/914C
Laminate: [(0,/¢45), 01,
Specimen: Unnotched
e0d [ T———T ] o
Type of Loading: Axial
£ l-——1:3.1 O Test Results
Z
w V Results of
. - 720 Y- . .
“ - Miner-Calculation
@
S -700
by 1:36
n r—
©
£
2 - 650 = 5] "
P, =90 50 \10 p.cC.
- 6004
LI N S N T T T T I I
5 6 7 8 310 2 3 A 5 6 7 8 910
Life in Flights
Figure 5: Life of an Unnotched CFRP Lominate, Derived Experimentally and by Calculation for FALSTAFF
Loading (Wing Upper Surfache) C131
Material: Ti6Al4Y
T300/914C
S T Lay-up  Ti64 OL mm Sheets
N/mm? L CFRP: ((0,/245),30],
-400 4 = —— — Specimen: Titan-CFK Stepped Bondline
Overlap 10 mm
Type of Loading: Axial
- 300 - |:z.|9-——1
§|:|,96
O Test Results
- 200 - V Results of Miner Calculation
T 177 ¥ T T T 7T T T717T T LR LN SR RS B A
5 10° 2 5 10¢ 2 Life in Flights

Figure é: Life of Bonded Joints, CFRP/Ti 64 Sheets L 14, Derived Experimentally and by Calculation for
FALSTAFF Loading (Wing Upper Surface)
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FALSTAFF | TWIST | Other Relative i
Upper Surface Spectra Miner's Rule 1
Unnotched o] ® -] 1
114" Hole od” ®
Bolted Joint < S B
.'—.n
Bonded Joint FaY | :
* Lower Surface .
Test Life, LT
Flights M B
5 Lo
10° A R,
® o
Conservative . -,ij-i
e
@ . A
10°4 $ ag .
[ J a®
N b
N}
(o]
, 10°- 4 g g
(-] ® O 9
L ° °
- a Non -Conservative
[ J
L L
- 10 T T T 1
- 10° 10 10° 10° 107
L e

Calculated Life, Flights

Figure 7: Comparison of Calculated Life, Using Miner’s Rule, with Results from Flight-by-Flight Testing
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SHEAR
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E . OVERSTRESSED
. 7 MATERIAL
= %
o 7
o %
DECRADED ’//;
F-. LONGITUDINAL ‘///'
MObULUS. ‘% NoTEn
A
ORIGINAL
L LONGCITUDINAL
TR AND SHEAR
MoDuULIl,

Figure 8: Degraded Modulus and Strength Regions in a Notched Lominate after Fatigue Cycling in Mechanistic
Model [ 5]
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1
Period of Service Under Repeated Loading

Figure 9: Residual Strength During Lifetime

d/t=19
Fibre Content: h .

f
Material:
CFRP T300/914C
' Laminate: / +
[0,/+45/0/-45/30],
, [0,/£4510,/:45/30), | + eld=375
/ wl/d=50
-

60 p.c. vol. Fit:

Low Clearance

Ctamping:
2 Nm Torque

Figure 10: Unnotched Specimen and Double Shear Joint Specimen
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L 4
Unnotched Double Shear
Specimens ) Joint .
o - 840 - 441 T
"u - 862 - 412 - 8
&l - - 872 < - 314 T
g £ <-758 <-295 RN
S <-787 RN
& g <-798 3
2 > < - 860 ’ ~ B
52 < - 891 S 3|
< - 896 , 3
- 934 o
- 641 - 373 ¥
£ -742 - 420 .
a 4 a
§ -774 N=12000 -433 N=10
&% - 792 - 459
5& | x<-640 4x < - 340
b z -800 N =17 690° -318  N=14550°
& -686 N=23490°
15 000 6 450
15700 12 200
o 17 680 13100
@ 18 380 15 200
2 20 350 > 14650
S >26770 >17 200
ez > 23 490 4x> 10000
) > 17 690
3T | 5x>12000
9 FALSTAFF (upper surface), Stress Level; _
Unnotched § = - 640 N/mm? RSy
Joints 3 = - 340 N/mm? -]
Figure 11: Test Results
"‘ Comulative Distribution Percentiles for _ 2}
- Functions, I-Fa, ()ayl.) Constant Probability Curves s
.; i . o p
< Static ?trength. y(S)=exp [-(i) 5] Sl(O) - Bs [_ln“l/as
E"' at L=10 ns .
|
: Residual Strength R
1 esidual Streng o E g
Test Data: ¥ (S,15)=exp [-(gl) r*(i) ']
- - , B Br
. {Surviving Specimens)
3] Const. Probab. Curves: (5,)= 7(S.15)- exp [_(y_)“L] S, (N)=p, [-In ’(E)“f_(!i)%]a:; - -.
- (All Specimens) at L=N AL A B, L4 ;g LARYEURANN 1
¥
b i :
b Life to Failure: L\ ay “
b - zexp |- {7 L, = -lny 7t
L at S=S a’(L) xp[ (BL) ] & pL[ ﬂa 3
L" A
{ Figure 12: Cumulative Distribution Functions Applied in the Empirical Strength Degradation Model ?
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Estimated Weibull Parameters Applied in the Residual
Strength and Life Prediction by the Strength Degradation Model

Unnotched Specimen® Double Shear Joint®

"Shape” “Scale” "Shape” "Scale”
Static Strength c

0 =120).37 P, =904 0g=120),35 [5=433
S, N/mm?
Residual Strength®

a, = 20 = 766 = 20 =438
S, . N/mm?2 ' ! & B
Life to Failure

L, Flights

% Preloading:

N =12000 Flights
S =-640 N/mm?2

FALSTAFF-Upper Surface

N = 10000 Flights
§:=-340 N/mm?2

) ]
¢
PV DY

b) Failure Criterion: Fracture Displacement v-v,=0.3 mm

) Weighted Average

Figure 13: Estimated Weibull Parameters Applied in the Residual Strength and Life Prediction by the Strength

Degradation Model

‘ and Life to Failure, L. (3
3 Coa
1_‘1 Probability A Static Strength, N/mm?2 Lite, Flights Residual Strength, N/mm? R
b _ : oo
. f ( -L T
- of survva "y Sy (0)=, AV% Ly=n A% S N1=, (AsA-AY"" ZE
' ¢ ¥ Unnotched  Jointed  Unnotched  Jointed  Unnotched Jointed [ 2
i’_ - - ,:
3 4
t 0.1 2.3026 -942 - L5 27175 19 380 -798 - 456 -
;V-‘ 0.25 1.3863 -919 -440 24550 17 510 -778 -444 - ;

{ o
- 0.75 0.2877 - 849 -407 17 930 12 780 -718 -405 - -
- 0.9 0.1054 -808 -387 14 660 10 460 - 681 -362 1
L . o
- Average Values b

, 0 .

o El..)=0. (g-+1) - 889 -427 21000 14 700 - 746 -427 o
o - -
" : 1
. A, = A= 4
b - _ [
D / (31,12 INIp Ot ]
f. Unnotched Specimen: 0.0275 0.0387
4
r-‘ Jointed Specimen: 00063 00891 v

. - 7

Figure 14; Percentiles and Average of Static Strength, S, Residual Strength, Sr’ ard Life to Failure, L i
| . IR

Percentiles and Average of Static Strength, S, Residual Strength, S,
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S
2
N/mm Specimen: Unnotched ® Static Strength
) Compression
Material : CFRP T300/914C ©® Residuatl Strength
-900 —_
: Laminate: [(0,/245), /90], O Life
T — 21850
Lk .
o0 [ )
C——. E(s)
——
\\
—— —_ ¥lS;)s09 |
- LTI N\
v\
| SR — - - . = _a-
o, o
) s\, (5 yiti=a8  Ew} git)=01
600 't (S) = exp [-(E) (ll,) (
L™
1 (L) = exp (-<—ﬂ;)
v T ¥ T T T L T T ¥ T T LI | L T LS
10° 10° 2 5 10* 2 5
Life, L. Flight
Figure 15: Residual Strength Degradation, Result of Statistical Data Analysis (Empirical Strength Degrodation Modet)
~500 Specimen: Double Shear Joint ® Static Strength
Compression
s Material: CFRP T300/914 C @ Residual Strength
/mm? . — —
N/mm Laminates: {{0,/245),/90),, [0,/+45/0/-45/901, O Life
{S)=0.1
-250.] 4= Failure Criterium:
L V-vo 20304 mm (Mil-Std 1312)
E(S) Loading: FALSTAFF
\ {Upper Surtface)

N 1S¢1=089

01
S
m 0 % T T T T LA LB T T T 1
10 10? 2 10 2 5
Life, L. Flights
Figure 16: Residual Strength Degradation, Result of Statistical Dota Analysis (Empirical Strength Degradation Model)
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Residual Strength

Fatigue Life

Figure 17: Hlustration of the Effect of v on the Strength Degradation

Specimen  Unnotched ® Stotic Strength
Compression
Material © CEFRP T300/914 C @ Residual Strength
s taminate: [{0,/245),190], O Life
N/mm? L
F=10%, .
Loading: FALSTAFF
- 900 {Upper Surface)
— g=50%,

_—\\\

- 800
/o, av 1
s ) [‘ & - y_»(-ln]l_:-S]v
;N =0, [-tng)es b iy E
- 700
with: ¢= a o, =5; §=3/0, 20708
. § s e R e
Probability of Survival: y = 01; 05; 09; v=8 ([Curve Fitting)

'Sm'}'_——-—/\f T T T T T T T T TT T T LA

10° 10? 2 5 10°¢ 2 5

Life, L, Flights

Figure 18: Residual Strength Degrodation. Curve Fitting to Test Data by the "Strength Degradation Model"
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1 2 3
il
“Miner "
— [N
L S 10}
s
0 Fracture when: log N Fracture when: log N
Damage Sum z%‘- =10 Residual Strength S(n) = Instantaneous Stress, S;
i " v S\
Damage Sum Za—: J,:(———Sé:)) - (;_;)
Figure 19: Damage Accumulation by Miner and by the "Strength Degradation" Model (Schematically)
Specimen: Unnotched Test Results
Material : CFRP T300/914C ® Static Strength
S ) — Compression
N/mm? Laminate: [( 02/:1.‘3)2/%]s @ Residual Strength
g-o1 O Life
- 900
Predicted
1 - & (2o i
S,‘ (N) = [(-Iny) s 1(?;; ﬁl—) ] NN
- 800
- m -+
o, = 20
c=z10
. 2
1 § . ... DBy=90Nmm “& L
5 10' 2 5 102 Blocks
- 600  EEE— —t T 1
10? 2 5 10 2 5

Life, L, Flights

Figure 20: Residual Strength Degradation, Prediction and Test Results. FALSTAFF (Wing Upper Surface) Loading
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THE ELECTRICAL PROPERTIES OF CARBON FIBRE COMPOSITES
by

J. M. Thomson
Ministry of Defence (Procurement Executive)
Royal Aircraft Establishment
Farnborough, Hants, UK

SUMMARY

The essential electrical difference between a carbon fibre composite and conventional
metal alloys is that its resistivity is about three orders higher. This fact affects the
electromagnetic compatibility (EMC) of the airframe, its performance as an antenna ground
plane, the provision of power and of earth returns and radar cross-section.

Research on the electrical properties of carbon fibre composites under these
headings is reviewed and the importance of good bonding and jointing emphasized. The
major problem areas (which tend to occur at frequencies less than 30 MHz) are outlined,
as are those areas where problems are likely to be minor.

Although electrical research lags structures and materials research by some 10 to
15 years, nonetheless sufficient work has been due for some interim design recommendations
to be formulated, and these are discussed in the paper.

1 INTRODUCTION

The essential electrical difference between composite materials and metals conven-
tionally used for airframe construction is resistivity: carbon fibre composites, for
example, have resistivities of about 25-150 uqm, whereas a typical aluminium alloy has
a resistivity of about 0.052 ugam.

What is the significance of this difference? Structural and design engineers are
well aware that a carbon fibre composite (CFC) is not simply a 'black metal' and to treat
it structurally as such is to invite disaster. This is true, too, of its electrical
aspects, and it is not possible to assume that carbon fibre composites will automatically
fulfil the electrical requirements of the structure in the same way as a metal would.

In essence this means that the electrical requirements of the structure have to be defined,
a design approach formulated, and, where necessary, a research programme initiated to
acquire necessary basic data.

It is not always appreciated that essentially structural components also have an
electrical aspect to their performance, usually because the metal structure, with its
ease of electrical bonding, satisfies these requirements without any special precautions
being needed. There is a surprisingly wide variety of electrical requirements, some of
which were outlined to the AGARD Structures and Materials Panell long before composites
were receiving the wide attention they do now.

The higher resistivity of CFC 1is significant in the use of the airframe as a power
return, its electromagnetic shielding capability and its usefulness as an antenna ground
plane, its radar cross-section, its vulnerability to the direct and indirect effects of
a lightning strike, and its capability to dissipate static electricity safely.

The implication, therefore, is that it is necessary to understand the basic behaviour
of the material and then to use this information to develop adequate construction tech-
niques. There has always been some interest in its electrical properties by materials
sclentists - firstly, because electrical resistivity measurements, for example, can give
an indication of the quality of fibre alignment, and secondly, because the possible damage
from a lightning strike was always self-evident, Serious interest by electrical and radio
engineers, however, did not develop until about 1976 or 1977 when it became evident that
structural engineers were seriously intending to use the material for aircraft projects.
Suddenly, the prospect of losing the friendly, protective metallic shell with all its
inbuilt useful attributes stimulated intensive effort in both government and industrial
laboratories in the USA, UK, Germany, France and elsewhere. The task essentially was
twofold - to catch up on the 10 or 15 years' lead structural designers have over their
electrical counterparts, and, having done that, to ensure that electrical aspects are
adequately considered. To some extent, this has been successful, and the subject has
matured enough for some interim guidance to be available.

This paper therefore covers the following ground:
(a) an explanation of EMC and the electrical requirements of the airframe;
(b) a brief description of research on the electrical properties of CFC, and

(c) an indication of how the results of (b) can aid in meeting (a) - an outline of
the fundamentals of electrical design in CFC.
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2 EMC AND THE ELECTRICAL REQUIREMENTS OF THE AIRFRAME
2.1 Electromagnetic compatibility (EMC)

Consider Fig 1. This shows the 'electrical aircraft' and the factors which
influence electromagnetic compatibility (EMC). Gone are the days when aircraft could
be flown with mechanical controls only. Now electrical signalling is dominating -~ often
in flight-safety critical areas with no manual reversion. Flight controls and fuel
contrcls are examples of such systems; ochers are marked on Fig 1. In essence, such
systems may be thought of as a wire terminated at elther end in an impedance and with
the return circuit being made through either the airframe or a dedicated wire.

The EMC problem is the pick up of interference on this wire and its transmission
into the load where it can adversely affect the performance of the equipment, often by
a process of detection and demodulation in nonlinear circuit elements.

Sources of interference can be both internal and external to the aircraft. 1Inside
the aircraft, interference can be transmitted through common power supplies or inductively
couple from one cable to another. Often it arises as generator noise, as switching
transients, or as harmonics generated by the steeply-rising waveforms of digital signals.
It may thus be broadband noise or narrowband signals or spikes and surgesz.

External sources are many and varied. Ground-based radio and radar transmitters,
especially those operating at high powers or with high gain antennas, can generate signals
large enough to be picked up by and affect electronic circuits. Operationally, this means
that HIRTAs ('High Intensity Radio Transmission Areas') have to be established within
which aircraft should not approach transmitter sites. Similarly, aircraft and helicopters
operating close to ships may be at risk; the same also applies to aircraft operating in
formation. 1In all these cases the interference is caused by a wanted signal which cannot
be removed. The only protection possibilities are circuit design -~ not to respond to
frequencies other than those strictly necessary for signalling purposes - or shielding.

Lightning may also cause interference to avionics and electrical systems. Physical
damage caused by heating and mechanical shock ('direct effects') is obvious, but more
insidious and not so apparent is that the passage of a large current pulse of tens of
kiloamps down the fuselage creates a magnetic induction fielid which can couple energy in
the form of a spike into electrical and electronic circuits ('indir:ct effects'). Such
spikes have been known to trip out generator protection circuits and to corrupt informa-
tion in navigation computer memories.

In military applications, the effects of the nuclear electromagnetic pulse (£MP) are
also important. The detonation of a nuclear weapon has as one of 1its secondary effects
the generation of a short-term electromagnetic field whose amplitude and duration are
functions of the weapon yield, burst altitude and distance from ground zero. The case
usually considered is an exoatmospheric burst at altitudes higher than 35 km as the effects
of this can be continent-wide. The effects of such a detonation are similar to the
indirect effects of a lightning strike, but the rise times of the pulse are much shorter -
of the order of nanoseconds ~ with the fall time being of the order of microseconds.
Hence the frequency content of the pulse extends to hundreds of megahertz compared with
less than 10 MHz for lightning.

But the greatest source of EMC problems on aircraft is generally the radio trans-~
mitters it carries. These are intentional radiators - radio frequency enerqgy is purposely
generated but, because of ilnefficiencies in the transmitting systems, not all of it is
radiated. That which remains may find its way - by conduction or radiation - into the
variety of susceptible circuits. The problem is severe at frequencies up to 400 MHz and
is particularly acute in the HF band (2-30 MHz). 1In the VHF and UHF bands (118-136 MHz
and 225-400 MHz respectively) the transmitting element is usually a separate aerial - one
of the short stubs or fins seen on the airframe. This acts in association with a ground
plane which is the local area of airframe and hence any undesirable effects are somewhat,
though not totally, localized. This is not the case with HF transmitters, as whatever
the design of antenna (long wires and notches being the two most common) the essential
principle is that the whole aircraft is part of the radiating element. The physical
reason for this is that the wavelengths (150 m at 2 MHz and 10 m at 30 MHz) are comparable
with the length of the aircraft. 1In fact it is the half-wavelengths (5 m at 30 MHz) which
are important in representing the aircraft as a dipole. Thus electric currents are
developed over the full length of the outside of the aircraft and if any seams or apertures
are present they will penetrate into its interior. It is surprising to note that down at
2 MHz, where the half-wavelength is 75 m, HF systems on strike aircraft can have effic-
iencies as low as 0.1%: thus of the 400 W of transmitter power available, only 0.4 W will
be radiated, the rest being absorbed in the aircraft. This is generally acknowledged to
be the greatest source of EMC problems.

The corollary to the transmitter problem is, of course, that when the aircraft is
acting as a recelver to the external environment, to lightning or to EMP it will pick up
most energy somewhere in the HF band, depending on its physical dimensions. Unfortunately,
this is where the highest power transmitters are used - 250 or 500 kW are common - and
where lightning and EMP have their greatest spectral energy contents. Thus the problem is
compounded.

Fig 2 summarises in diagrammatic form the possible coupling paths for electromagnetic
interference {EMI) both from inside and outside the airframe.

. N
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What is the impact of composites on the EMC problem? Fig 2 shows the aircraft skin
with energy propagating through it in an undefined manner. 1In fact three mechanisms are
possible: (i) down antenna leads, (ii) by penetration or leakage through apertures and
seams, and {(iii) by direct diffusion through the skin material. Mechanism (iii), direct
diffusion, is obviously affected by a change of material from aluminium alloy or other
metals to CFC, but so, perhaps surprisingly, are the other two. For antenna leads the
effect is indirect, but the use of CFC may require a different antenna installation and
hence generate an easler coupling path; similarly, the constructional methods for seams,
hatches, etc, may change and also affect the ease of penetration. The impact of these
mechanisms is discussed in section 3 under the broad headings of 'Shielding' (for (iii))
and 'Bonding' (for (i) and (ii)). But essentially, the impact is that the use of compo-
sites potentially has the capability of changing the gross levels of EMI present in
aircraft.

2.2 Airframe electrical reguirements

Aside from EMC protection, the airframe also fulfils a variety of disparate
electrical functions. These include its use as the second wire in a 2-wire dc power
system, as the neutral wire in a 3-phase 4-wire ac power system, as the return path for
electrical equipment signal currents, and as a ground plane for antennas. For these
purposes the structures will be carrying currents ranging from microamperes as an antenna
ground plane, to hundreds of thousands of amperes in ac or dc system return paths. A low
electrical resistance is an evident structural requirement for these electrical needs, and .
the measurement of a low resistance path between structure extremities is at present -
taken as sufficient evidence of an electrically satisfactory airframe. This measurement
does not, however, necessarily indicate the presence of unwanted high resistance structure
joints because of parallel paths and so further experimental work has been done on mapping
airframe impedance patterns; this work has yet to be incorporated in aircraft procurement
requirements.

The trade-off that has to be made, therefore, is between the reduction in mass
achieved by using composite materials in the airframe and the corresponding mass penalty .
incurred by the need for a dedicated earth return system. The design of a separate earth
return system is a function of the distribution, location and power consumption of the
aircraft's electrical equipment and will, of necessity, vary from aircraft to aircraft.

Antenna installations have been mentioned in the previous section, in the context
of EMC. There it was noted that usually the airframe forms part of the antenna counter-
poase: accordingly, the prime requirement is to allow the desired RF currents to flow in
the installation, and hence adequate bonding and jointing techniques must be available. >
As antennas - eg fins and blades - are usually supplied ready for direct fitting to the
aircraft the question to be answered is whether the mechanical techniques, fasteners, etc,
developed for metal aircraft are also suitable for composite aircraft.

Radar cross-section may also be affected by the use of composites. The concept here
is that when illuminated by a radar the aircraft reflects energy back and hence becomes
'vigsible'., The amount and type of reflection is obviously a function of the aircraft's
shape and the radar frequency but also of its surface conductance: the higher this is, in
general, the more energy is reflected. The design of (military) aircraft to minimise radar
reflections is a major, and to a large extent empirical, art but a simple way of visual-
izing the problem is to imagine the aircraft as a mirror reflecting light - large smooth
areas will reflect in a reasonably stable manner whereas sharp edges will ‘'glint'. These
properties are a function of the shape of the aircraft: its material may also affect the
radar returns. Two effects are possible: the first is that if the material has such a low
conductance that it appears transparent, then the radar reflections will be from the
structures underneath, and hence the internal design becomes critical; the second is that
if the material has some conductivity a portion of the energy may be absorbed and dissi-
pated in the structure and not reflected: the aircraft may tend to become 'invisible'.
Both these effects have been postulated for CFC.

Static electrification problems are a result of the aircraft acquiring charge as it
moves through dust or precipitation. The problems occur when this charge discharges
either locally on the aircraft or to ground giving rise to electromagnetic interference
or to shock hazards. This type of problem is well-known on conventional aircraft and is
usually alleviated by the fitting of static discharge wicks at suitable points. Any
problems remaining are essentially local and can be dealt with on an ad hoc basis. As
far as composites are concerned the major problems are likely to arise when they are in
contact with moving liquids - eg fuels - where a discharge may cause sparking followed by
a fire or explosion. This may be in fuel tanks forming part of the structure inwings,
etc, or in pipes of composite material.

It has probably become apparent that the essence of many of these problems - of EMC
and airframe electrical requirements - is the potential difficulty of achieving satis- -
factory bonding between composite structural materials or between composites and metals.,
If 'good' bonding can be achieved then many of the other problems start to disappear.

Alljed with bonding is the question of corrosion control. Carbon itself is an inert
material and does not corrode under ambient conditions. However, it does act as if it
were a noble metal, and so promotes the corrosion of other, less noble, metals. Con-
sequently, corrosion control methods are usually employed where CFC is in contact with
other metals to prevent this enhanced corrosion. These methods often involve the isolation
of the carbon in an attempt to stop the formation of the corrosion cell. The isolation of
the carbon, whilst rarely good enocugh to prevent the ultimate corrosion of the less noble
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metal, is usually good enough to prevent the achievement of good electrical properties
for the composite joint. Whilst some corrosion control is undoubtedly necessary the need
for compromise to achieve good electrical properties means that some reappraisal of pro-
tection methods is called for in 