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EXECUTIVE SUMMARY
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)

An important region of the flight envelope of military aircraft is the transonic regime where fighter aircraft must
undergo agile maneuvers, and airlift aircraft must cruise efficiently. Unfortunately it is a speed regime where wind tunnel
testing is difficult, and numerical computations are not yet fully viable. Mest troublesome is that exact configuration
optimization criteria are lacking. Unavoidably the optimization procedure has been an ad hoc procedure, depending on
the intuitive skills of the aerodynamicist.

During the past decade, there has been significant progress in the development of transonic wind tunnel test
techniques and computational methods. Employing these techniques, the aerodynamicist has developed many
imaginative design concepts that have added to the optimization data base. It was the purpose of the symposium to
review and assess these developments and project the future.

Twenty nine papers comprised the meeting with three invited review papers. There was a relatively even mixture of
theoretical and experimental papers with many providing test/theory comparisons. Subject matter ranged from simple
wing-fuselage interference for both fighter and airlift configurations to those envolving additional components such as
nacelle and pylons, powered jets, winglets, and most importantly stores and weapons.

The symposium was concluded by a Round Table discussion with invited introcf;gory comments by Mr B.Haines
(ARA), Mr P Poisson-Quinton (ONERA), Dr W Schmidt (Dornier), and Dr R.Whitcomb (NASA-Langley).

Despite the advanced state of computational fluid dynamics, there are still serious shortcomings as evidenced by the
presentations. These include the inability to treat complex modern military configurations in satisfactory detail and with
acceptable accuracy; and most importantly the need to incorporate the significant viscous interactions in an expedient
manner.

There is finally the matter of developing guidelines and criteria to establish the optimum configuration. This is a
difficult task, and undoubtedly will occupy our attention for many years. The optimal design must employ favorabie
interference with “‘performance synergism’ between components in contrast to the neutral or zero interference much in
evidence at the present symposium. In the latter, one proceeds from a given baseline configuration and seeks to eliminate
local flow inefficiencies by shape improvements.

Configuration optimization with true favorable interference will surely be prominent at the next Fluid Dynamics
Panel symposium that should be timely perhaps half a decade from the present symposium.

Dr H.YOSHIHARA
Prof. B.LASCHKA
Symposium Chairmen

ifi
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APPLICATION OF TRANSONIC POTENTIAL
CALCULATICNS TO AIRCRAFT AND
WIND TUNNEL CONFIGURATIONS
by
Dr. John E. Mercer
and
Dr. Earll M. Murman
Flow Research Company
A Division of Flow Industries, Inc.
21414-68th Avenue South
Kent, Washington 98031
(206) 872-8500

SUMMARY

The computation of inviscid transonic flow modeled by the full-potential equation is
presented for two geometrical configurations. The Jameson-Caughey finite-volume method
is used to solve the governing equations in conservative form. The development of suit-
able computational meshes together with computed results are presented for a swept wing
in a wind tunnel and for a wing-body configuration.

1. INTRODUCTION

During the past several years, inviscid, transonic-flow computational techniques have
been developed to treat complex aircraft geometries. The developments have followed two
complementary paths. One uses the modified transonic small-disturbance equation so that
geometrical boundary conditions may be applied on a mean surface. This simplifies the
mesh generation requirements and, hence, those techniques have proceeded the farthest in
terms of geometrical complexity. The other uses the full-potential equation and hence is
more accurate, However, the boundary conditions must be applied on the actual geometrical
surface which requires the generation of a suitable mesh.

The most advanced transonic small-disEutbance codes are extensions of the Bailey-
Ballhaus! wing-body program. Mason et al.“ improved upon these codes and incorporated a
strip boundary layer for the wing. 1In a separate development, Boppe and Stern3 have
extended the capability of the codes to handle complex geometrical features such as
nacelles and winglets., These codes are useful for a wide variety of applications but they
do have limitations on accuracy.

The solution of the full-potential equation for transonic flow past complex geo-
metrical configurations has advanced rapidly in recent years following the introduction
in 1977 of the finite-volume technique by Jameson and Caughey.3 In their work, the authors
presented an algorithm which solves the full-potential equation in conservative form for
an arbitrary three-dimensional mesh in physical space consisting of six-sided volume
elements. The restrictions on the volume element geometry are rather minimal, being only
that the volume element size vary smoothly and that the six-sided cells are not too
skew. The Jameson-Caughey finite-volume technique allows for mesh description and
construction to be completely uncoupled from the construction of the finite-difference
algorithm to solve the full-potential equation. Prior to the introduction of this tech-
nique, the solution of each new problem required an analytical transformation of the
full-potential equation to the computational mesh and then construction of a suitable
difference algorithm,

The solution of the full-potential equation in conservative form provides improved
accuracy over the small-disturbance equation for many practical geometries. The poten-
tial flow assumption is limited in validity to flows with weak shocks, typically with
normal shock Mach numbers below 1.3. In addition, a linearized wake assumption is assumed
for vortex wakes.

Viscous effects must be included in the computational model for a complete descrip-
tion of the flow about a body. Various approaches are under study and will be reported
at the upcoming AGARD Symposium on Computation of Viscous-Inviscid Interactions. The
subject of this paper is limited to computation of inviscid transonic potential flow
which provides the basis for more elaborate flow modeling.

Section 2 of this paper contains a revigw of the basic elements of the finite-volume
technique introduced by Jameson and Caughey. A more detailed description may be found in
that reference. In Section 3, the application of the method to the problem of flow past a
swept wing in a rectangular wind tunnel is presented. An earlier version of this work is
given by Mercer et al. Section 4 presents a computer code for wing-fuselage geometries
and gives computed results for two configurations. This is an outgrowth of a cooperative
project between Flow Research and Profs. Jameson and Caughey. Ear%ier results are reported
in Reference 7. Finally, in Section 5, we discuss some limitations of the codes and some
future extensions.

2, FINITE-VOLUME ALGORITHM

The finite-volume algorithm assumes that the six-sided elements comprising the mesh
in the physical space can be transformed to cubes in the computational space. The map-
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ping to each cube is assumed to be local so that transformations can be based on the
physical values of the vertices of the six-sided elements. The location of the vertices
(or mesh points) in physical space may be determined by any suitable procedure, and two
specific examples are given in following sections. The mapped cubes have trilinear
variations of coordinates ranging from -% to % (Figure 1), and the potential is assumed
to vary trilinearly within each cell. With the coordinate variation assumption, the
corresponding points in the physical space can be located from points in the computational
space by the local trilinear mapping formula:

v

8
= 1 1 1
x=8), x G+xpdrynd -+, e)
k=1 :
where X, , Y. , and Zy are the mapped vertices of the cubes (+%) and xy represents
the correspond&ng physical values. There are equivalent formulas for y , 2z , and ¢ ,
the velocity potential. With this mapping, continuity of x , y , 2z , and ¢ is

preserved at the cell boundaries. The mapping also allows derivatives of the transfor-
mation and potential to be evaluated anywhere in the cell.

2
(- %,-%,%) 4
y ! ! (- %.%, %)
x %,
- %, %)
- Y
4 {-%,%, - %)

X t%,-%,-% (%B%-%

Physical Space Computational Space

Figure 1. Mapping from Physical Space to Computational Space.

The flow equation that we wish to solve is the conservation relation:

LI

= G + &5

(ov) + %7 (ow) = g;i- (puy) = 0 )

The finite-volume algorithm is a conservative differencing scheme which satisfies the
above equation using the cubical cells in the computational space. Density is computed
from the isentropic relation:

1
o=lie st - B T, €)

where q2 = u2 + v 4 W W)

The first step in the procedure is to determine the governing equation (Equation (2))
in computational space. The result is

) i
=3 (ohU™) =0 , 5
a*{ P (5)

where xi are the transformed coordinates (X, Y, and Z in Equation (1)) , vl are the
contravariant velocity components, and h is the determinant of the transformation
matrix H with elements 3x1/3%X] . The contravariant velocity is defined by

i 1) 39 - uTuy-1 3
U* = z(H'H 6
8 —Qjax (H'H) —%ax (6)




e

1-3

A differencing algorithm which conserves phU> on the cubical cells is derived by
creating a set of secondary cells whose vertices lie at centers of the primary cubical
cells. The flux quantity phUl is evaluated at the center of each primary cell (ver-
tices of secondary cell, Figure 2). The flux computed at the corner is assumed to be
constant over that portion of the secondary cell face that lies within the primary cell.
If the global mapping is sufficiently smooth to allow a Taylor series expansion of the
physical coordinates in terms of the computational coordinates, then the local linear
truncation error terms for the flux will cancel and the flux conservation formula will be
accurate to the second order.

Fo—t==—1
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} [

! |

}
| |

! |
L R |

|
]
—4

Secondary Cells

Primary Cells
Figure 2. Primary and Secondary Cell in Computational Plane.

With this approach a problem arises in that the difference operator decouples odd
and even points as shown in Figure 3. This results in a homogeneous solution where ¢
can be 1 at odd points and -1 at even points. This problem is overcome by displacing the
flux evaluation point away from the vertices by adding a higher-order correction term.
This displacement recouples the odd and even points and eliminates the homogeneous solu-
tion. For the simple case of the flux being given by ¢ the displacement relation

used by Jameson and Caughey is x !

by = 8 * b )

»
[o] xYo

where the subscript o represents the center of the primary cell and ¢ can vary from 0
to % where the cell height is assumed to be 1 (Figure 4). Computation of these recoupl-
ing terms requires time. Other methods involving averaging which do not require adding
terms are currently under investigation by other researchers.

=1 -1 1

ny 2k * 1

% &= -0 %

1 -1 1

Stencil of Difference Distribution of $ Which Produces
Operator a Homogeneous Result Using
the Difference Operator

Figure 3. Decoupled Solution Arising from Difference Operator.

In regions where the flow is supersonic, upwind differencing is employed. This is
accomplished by adding terms to the conservation equation which produce an upwind bias.
The terms are selected such that the proper domain of dependence is used in the dif-
ferencing. The effect of this is to produce a rotated difference operator of the form

i
T ®
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Figure4. Shiftin ¢ Used to Recouple Solutiona.

where s 1is the streamwise diregtion, q. is the contravariant velocity, and the first-
order difference operators 3/3X* are chosen to be in the upwind direction. The terms
added to the flux equation are

i i .
P "“'Ulpxl ’

where u 1is a switching function:

U = max %o, (1 - a%/q9%) :

and q/a is the local Mach number. The presence of these terms has the effect of

adding artificial viscosity to the solution. This does require, however, that the mesh
be smooth in the supersonic zone or the effect of the higher-order derivatives associated
with the arrificial viscosity will cause the solution to give erroneous results.

The last terms which have to be added to the equation are timelike derivatives
which have the effect of embedding the steady-state equation in an artificial, time-
dependent equation. The final equation that is solved is a discrete approximation to

J i i} _
;XT (phU + P ) = Q¢XT + B¢‘YT + Y¢ZT + 6¢'T ’ 9

where the P> are the upwind biasing terms in the supersonic zones. To make the flow
direction timelike, as in the steady state, a« , 8 , and Y are chosen and 6¢T is a
damping factor.

The complete numerical scheme is outlined below.

(1) Evaluate the contravariant velocity components and density at the centers of the
primary cells.

(2) Satisfy continuity on the secondary cells using the flux values calculated in step 1
plus the recoupling terms.

(3) Add artificial viscosity in the supersonic zones to produce an upwind bias and
enforce the entropy condition.

(4) Add the time-dependent terms to embed the steady-state equation in a convergent,
time-dependent process which evolves to the solution.

The numerical solution initially gives the values of ¢ at the grid points. The
velocity is then calculated from gradients in the computational plane using the chain
rule:

3 axd 29
u, = 3 - X . (10)
L ;iI ax* axJ

The grid point values of the velocity are calculated accordin% to Equation (10) by
central differencing (except at boundaries where one-sided differencing must be employed).

To obtain the velocity at an arbitrary prescribed point in physical space, the
point is mapped to computational space where trilinear interpolation from the grid
point velocities is used. One nontrivial advantage of interpolating in computational
space is the Cartesian confi%uration of the grid which allows an easy search for the

cell in which interpolation is to be made. . j
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The main difficulty associated with developing a computer code based on the finite-
volume algorithm is that of generating a grid system and incorporating boundary con-
ditions. A desirable grid is one which conforms to all the solid boundaries. Boundary-
conforming grids provide an accurate and convenient means of specifying boundary .
conditions. They also can be made very efficient in that the grid density can be readily
controlled at the boundaries where the gradients of thc ifiow parameters can vary most
rapidly.

Since the finite-volume ticthod only requires sets of coordinates corresponding to
the corner points of the six-sided computational cells, there is no need to have a
single mapping function to generate the grid. The procedure chosen is one that uses a
sequence of rather simple transformations. The overall mapping is required to be smooth
so that the higher-order effects of the transformations do not cause numerical instabil-
ities, particularly in the vicinity of shocks. In Sections 3 and 4, two different grid
systems are introduced for two different geometries.

3. COMPUTATION OF A SWEPT WING IN A RECTANGULAR WIND TUNNEL
3.1 INTRODUCTION

Wind tunnel wall-interference effects are particularly severe at transonic speeds,
and considerable effort is required to assess their maganitude, eliminate them, or
correct for them if possible. Thus, there is a need for computational tools which can
treat complex three-dimensional configurations in typical wind tunnels. The code
described in this section was developed under sponsorship of the United States Air Force,
Arnold Engineering Development Center, as part of a research project on adaptive-wall
transonic wind tunnels. It is intended to be used as a numerical simulator for flow
inside the wind tunnel so that studies may be performed to determine the required wall
control and iteration procedures to use for such a tunnel. After such a tunnel is built,
this code will be replaced by the real flow inside the wind tunnel. This same code may
be used, however, to assess the severity of wall interference in a conventional wind
tunnel. Such calculations might be incorporated in a suitable wall-correction technique.

The geometry to be computed is shown in Figure 5 together with the specified boundary
conditions. The model consists of a swept wing in an infinitely long, rectangular cross-
section wind tunnel. Either a normal velocity or pressure boundary condition may be
prescribed on each wall.

3.2 GRID-GENERATION SCHEME

A boundary-conforming grid has been constructed consisting of planes parallel to the
side walls which cut the wing parallel to the freestream. Within each plane a two-

dimensional mapping is used following the suggestion of Caughey and Jameson. The detailed
procedure is described below.

A Cartesian coordinate system is used for the physical space (Figure 5). 1In this
system, X 1is in the direction of the undisturbed flow and 2z is in the spanwise
direction. Planes normal to the top wall and parallel to the sidewall are generated with
the spacing shown in Figure 6. On the planform, a uniform spacing is spegified between

&

.~ Grid Lines

j Wind Tunnel
' Wall

Velocity
or Pressure

|

t

|

|

|

’ 0

] e

¥
~ X
‘\\\\ ~
AN
t )
~

_’_’_____’___,_}4

L
Grid Beyond Tip

Extension of / / E

Grid is Perpendicular to Wall -/

Figure5. Geometry and Boundary Conditions Used Figure 6. Z Grid Planes and Extension of Planform
for Wind Tunnel Code. for Grid Generation.
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the planes. Beyond the tip, the spacing is gradually increased or decreased by a small
amount, ¢ , to avoid sudden increments in the grid spacing. Also the planform is
artificially extended to the wall (as a porous slit) so that the two-dimensional mapping
algorithm will remain constant. The extended planform boundaries are defined to be
perpendicular to the wall so that the transformed coordinates will be orthogonal there.
With the transformed coordinates orthogonal at the wall, the contravariant velocities are
the same as the physical velocities except for a scale factor. Although this is not a
requirement to specify boundary conditions, it does make the specification simpler.

There remains the task of obtaining a two-dimensional, boundary-conforming co-
ordinate system for g physical x-y cut. The procedure is similar to that outlined by
Caughey and Jameson. The desirable mesh in this cut is one which wraps around the wing
section and follows the wake downstream (termed a "C'" mesh). First, a wake position is
assumed. _For this the position downstream of the trailing edge is specified to vary as
A(log x)/x where the coefficient and nondimensionalization are chosen so that the wake
leaves at the trailing edge at the bisector angle and the downstream trajectory behaves
as a vortex at the quarter chord. It appears from numerical experimentation that the
wake position assumed is not important so long as it leaves at the trailing bisector
angle. The wake is not treated as a streamline, it is only a surface where the potential
jump and sidewash shear occur. Thus, there is actually flow through the wake.

Once the wake is defined, the basic procedure is to use a transformation which
unwraps the wing-wake and produces a mapping in which the wing-wake is one line and the
tunnel walls are another. In this computational plane a simple Cartesian-grid distri-
bution algorithm can be used which can be mapped back to the physical plane to obtain the
cell corner-point coordinates. Figures 7 and 8 outline the procedure. First, the
unwrapping point is located at the center of curvature of the wing-section leading edge.
Next, a global scaling in x and a shift of origin to the center of curvature is made.
Then a quadratic distortion in the y-direction is applied so that the upper wall is at
n and the lower wall is at -m in the intermediate coordinate system. This last trans-
formation accounts for the global scaling factor used for =x

~
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Next an unwrapping function is used:

£ + in = cosh™! [1 - 2e XYy ] (11)

This transformation makes the wing and wake appear as a slowly varying curve about n = 7
in the ¢ , n plane. Finally the ¢ , 1 plane is sheared using

Y= n/“wing-wake

This produces the desired parallel line representation of the wing-wake and tunnel wall
shown in Figure 8. The remaining procedure is to distribute Cartesian grid lines in
this space and transform the intersection points back to the physical plane by re-
versing the transformation procedure just described. Figure 9 shows a coarse grid
generated by the procedure. The fine grid used for the final computation has four
times as many divisions in each direction.

—

N

/ IAREN

Figure9. Sample Mesh of Wing in Wind Tunnel.

3.3 BOUNDARY CONDITIONS

The remaining task is to specify the boundary conditions. Upstream, the Mach
number is specified. On the wing, the normal flow vanishes. On the wake, the jump in
potential at the trailing edge is convected downstream and incorporated into the dif-
ference formulas such that the velocities normal and tangential to the wake are con-
tinuous. This last condition is a first-order approximation to specifying that there is
no jump in pressure across the wake.

Two boundary conditions are employed on the walls. The first is a Neumann boundary
condition where the normal velocity is snecified as:

v =2 (12)

n an

The second is a Dirichlet boundary condition where the wall pressure is specified as:

C =-2 (u-1U) (13)
and P
¢ = udx . (14)
along
wall
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The expression for C is a small-perturbation approximation which should be accurate at
? the walls where the fgow disturbances are small. Using the above two relations, the
f velocity potential + can be derived from the pressure coefficient Cp

The normal velocity or pressure is prescribed on a set of boundary-value grid
4 points. This grid is specified independently of the computational grid so that maximum
3 input flexibility can be achieved. Bilinear interpolation is used to obtain boundary
3 conditions for the computational grid from the input values.

On the downstream plane, a velocity boundary condition is used. Since the potential
used in the finite-volume algorithm is a perturbation, it is convenient to express the
downstream condition in terms of a perturbation velocity

Uy = u, + su (15)
where
§ 1 v ds 4 o2 "d (16)
U= = o 5§+ ———u_
Patq n P4
tunnel
walls

Pg = dowmstream density,
Ad = tunnel cross-sectional area, and
V_ = normal velocity at wall (positive into tunnel).

Here it is assumed that the upstream and downstream cross-sectional tunnel areas are the
same. This boundary condition conserves mass flux into the tunnel.

3.4 EXAMPLE CALCULATIONS AND CODE VALIDATION

In order to validate the code and illustrate its applications, various calculations
have been performed and compared with theoretical, numerical, and experimental results.
Theoretical and numerical results were used to validate the wind tunnel wall boundary
capabilities. Suitable three dimensional experimental data with known normal flow or
pressure values specified at the boundaries were not available at the time the calcula-
tions were performed. Therefore, a series of two-dimensional calculations was performed
to compare with theoretical and numerical solutions. In this configuration an unswept
wing which spanned the tunnel was used. The finite-volume code treats this configuration
as a three-dimensional calculation, although the results are invariant spanwise.

Comparison with an exact, incompressible, potential-flow calculation is presented
in Figure 10 for a Karman-Trefftz airfoil in a tunnel. The exact solution was obttained
by calculating the free-air flow about the airfoil using analytical procedures. The
normal component of velocity was calculated along a line parallel to the free stream and
above (below) the airfoil as the upper (lower) tunnel wall boundary condition for the
finite- volume-method computer calculation. The agreement at the airfoil surface and at
the field points given in Figure 10 is excellent. Field-point comparisons along a
vertical line from the leading edge was chosen to illustrate the accuracy of the calcula-
tions where the errors would be most noticeable. Maximum discretization error for the
finite-volume method is expected near the leading edge where velocity gradients are
largest. This comparison provides a validation for proper treatment of wall boundary
conditions and for calculation of field-point velocities.

Fiokd Point ——— Analytic Sohution
~04 Analytic Solution teld Foin '\‘ e Finite-Volume Caiculstion
5 o FiniteVolume Calculation fé:y v
1 u
L
-0.2 1.0 Voo |
—
e ue l :
- c |
00
XC 0.5 \ 1 08
{ 4\ ViU o WU o
=3
0.2 \ rzj
0 02 Y] 06 08 19
2 W, o viUg,
{a) Surface Pressure Distribution (b) Field Point Velocities Along X = O

Figure 10. Incompressible Potential Flow about a Karman-Treffwz Airfoil.
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To provide a transonic check case with tunnel walls, we calculated the two-dimensional
flow about an NACA 0012 airfoil at a Mach number of 0.8 with solid tunnel walls (no
normal flow) four chord lengths apart. Figure 11 shows a comparison of the finite- 9
volume method to the small-disturbance method described by Murman, Bailey, and Johnson.
Here again the agreement is quite good. The pressure levels are very close and the shock
positions are within one grid spacing. The shock position of the full-potential equation
is slightly upstream of the small-disturbance equation. These relative positions are
expected due to the differences in the two equations being solved.

-10¢ -19 Outflow 006 Viue®
= e ‘ 008
> ; c
c, 2DCodes | | NACA 0012 P <> NACA 0012
Small Disturbance -\ | v "8 ¢ - h=4c !
S ren (0,005
-0.5) Finite-Volume Method -\ | ‘ _0s -
ce I p \ , Cpt—— Outflow ~~006 Viyoo
o | .0
! {Finite Volume) |, X _ _
\ ~
U
] ey
o—— — T 0
05 " " " " — A . “ — 051 —
01 02 03 04 0S 06 07 08 09 0 01 02 03 04 05 06 07 08 09 10
x/C x/C
Figure 12. Calculation of the Transonic Flow about an
Figure 11. Caiculation of the Transonic Flow about an NACA 0012 Airfoil in a Wind Tunnel with

NACA 0012 Airfoil in a Wind Tunnet. Flow Through the Walls.

Figure 12 shows the results for the same wind tunnel configuration but with outflow
and inflow specified at the walls to relieve the blockage effect. Comparing Figure 12
with Figure 11 shows that the blockage has been reduced by the wall flow, confirming that
the code is yielding the proper behavior. This calculation also provided a validac%on of
the cnde's treatment of the downstream boundary condition according to Equatior (15).
The field-point velocities and densities calculated at the downstream boundary were found
to satisfy Equation (15).

120
Free Air
Solid Wall Tunnel _ oo
-1.20
( .
O 0O Experiment
-080 )}
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¢ I 040
p
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% Span Station <« —
vl owl |
' ONERA Wing M6

1i5 Span Station l

I

R —— '
080 |-

-1 Tuninel
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L pea— 3/2 (b2}

L hen—b/2 ——‘
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| =———]

ONERA Wing M6
{Reference 6)

Figure 13. Finite-Volume Method and Wind Tunnel

Results for Transonic Flow About 8 Swept Figure 14. Effect of Solid Tunnel Wails on Free-Alr

Wing in Free Air.

Calculation of Figure 9.
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Three-dimensional transonic calculations were made for the ONERA Wing M6, for which
experimental data are given in Reference 10 for a slotted-wall tunnel that was simulating
the free-air case. The comparison of the free-air calculation with data is shown in
Figure 13. The calculation was repeated for solid tunnel walls, and the result is shown
in Figure 14. No comparison with experiment is available for this calculation. However,
the effects of the solid walls on the wing pressure distribution are in the direction one
would expect. The lift coefficient for the wind tunnel flow increased about 20 percent
above the free-air value. The shock position moved downstream and the strength increased
because of the flow blockage.

4, WING-BODY CODE
4.1 INTRODUCTION

Aircraft design requires the prediction of flow past realistic wing-body-tail con-
figurations with engines and other appendages. Such a complete configuration is cur-
rently beyond the capability of full-potential-equation compgtational techniques but can
be treated by the more approximate small-disturbance theory. A significant step has
been made during the past two years in a cooperative research program between Flow
Research and Profs. Caughey and Jameson. Preliminary results were presented by Caughey
and Jameson’ wherein two separate wing-body grid systems were studied.

One grid system uses a Joukowsky transformation to map the noncircular fuselage to a
slit with the wing extending outward. A grid system is then established with planes .
parallel to the freestream cutting the wing, and a parabolic C-type mesh is used within
each plane. Results presented in Reference 7 revealed oscillations in the pressure
distribution in the wing root area. Further analysis revealed that these were due to the
fact that the parabolic-like grid system did not conform to the fuselage boundaries,
which resulted in an irregular fuselage geometry in the computation. Although ways could
be developed to modify this grid and overcome this problem, this approach was not under-
taken because the other grid system appeared to provide better wing root-fuselage geometry
modeling and did not suffer from the problem mentioned above. The problem noted became
more severe for high- and low-mounted wings which are the typical configurations.

The other grid system introduced in Reference 7 uses a cylindrical-type system.
Quasi-cylindrical shells surround the fuselage. The inner shell corresponds to the
actual fuselage geometry and the outer shell to a cylinder on which the far-field
boundary condition is applied. On each shell a parabolic C-type mesh, essentially
identical to that described in the previous wind tunnel code, is used. This system
provides excellent modeling in the wing root area and also provides more mesh points on
the fuselage than the slit-type transformation. Two expected drawbacks from this system
did not present any significant difficulties. For a closed body, the cylindrical system
collapses to_a line. In practice a very small cylindrical extension to the body is used
and the results appear satisfactory. Also, since the system is a cylindrical-type one,
the vertical mesh spacing above and below the wing increases with distance outboard from
the body. However, in practice, vertical mesh spacing near the wing tip is comparable
for the cylindrical- and slit-type systems, with the result that the wing root mesh
spacing is better.

The remainder of this section will describe the mesh system in more detail and
explain some improvements which were necessary to make the earlier version, reported in

Refergnce 7, more robust. Example calculations for a Learjet and an A-7 will be pre-
sented.

4.2 GRID GENERATION

The cylindrical computational surfaces are formed by first defining the fuselage
surface as

r = Re(x,8) (17)

where o = tan~! (y/z)‘ . (18)

The coordinate system is shown in Figure 15 and the Cartesian axes are identical to the
ones used for the wind tunnel. Next, a nondimensional radius is formed by

_ T - Rf(x,e)
r = m . (19)

Here R, is the radius of the cylinder passing through the wing tip.
Within each constant T surface, a parabolic C-type mesh system is used which is

almost identical to the wind tunnel grid system described above. When the r system is

"unwrapped,” the plane of symmetry passing through the body centerline is equivalent to

the walls of the wind tunnel. One difference which must be accounted for is the location

of the wing section between the "walls.” In the wind tunnel problem, the wing section is

approximately midway between the tunnel walls, and the quadratic transformation for y

is sufficient to place the wing section midway between the computational boundaries.

However, for a high- or low-mounted wing, the angular location of the wing section between

the planes of symmetry often exceeds the valid range allowed for a quadratic transformation.

Yo g




{a) Plan view (b) Front View

1 Figure 15. Coordinate System for Wing-Body Code.

An improvement which extends the range of angular displacement is to use an ellip-
tical transformation

7 - a2+ [200 -0 - ]2 =82, (20)
where a , b, and R are selected to meet the constraints
y = +n at 6 = +1/2 ,
y=-nat 6=-1/2 , and (21)

y= 0at 6= es

Here o is the angular location of the center of curvature of the wing section formed
by the intersection of the cylindrical grid surface and the wing. The %actor 2 appears
on the 6 - ¢ term so that the global scaling of the 6 to § transformation can be
accounted for? This latter trans%ormation gllows the wing to be displaced from the
centerline (6 = 0°) by as much as +65.88 . This has been found to be adequate for all
the test cases run so far. If still Turther displacements are required, an exponential
transformation could be used. This function would always provide a unique mapping
regardless of the amount of displacement from the centerline.

After the transformation to y , X space is done, the remaining transformations
are identical to the wind tunnel grid. A wake trailing behind the wing section is
agssumed using the same relation as was used for the wind tunnel model. The two-dimensional
wing sections are unwrapped and sheared so that the wing and wake form one line and the
upper and lower intersection of the cylindrical surface with the centerplane form the
other line. A Cartesian grid is then generated between the lines and the intersections
of the grid lines and then transformed back to the physical space.

One additional transformation was found to be necessary to handle highly swept wing
configurations. For swept wings that are highly tapered, the mesh system described above
becomes very highly swept far upstream or downstream. This causes numerical instability
problems. The reason that the mesh sweep increases upstream or downstream is that for
each cylindrical surface the nondimensionalization used is based on the local wing chord.
With a highly tapered wing the mesh lines advance upstream more rapidly at the root than
at the tip. This adds to the basic sweep of the mesh system due to wing sweep. To
overcome this problem, the grid points obtained by the transformations described so far
were shifted according to:

¢ 1
x = xpt+ (x- xLE)li + (CB - 1) tanh? (x - x;p) Ifor X < Xp (22) ?
R . 1) cann? £ 23
X = xpp + (x = xe) 1+ | - tanh® (x - xqp) |[for x > xqp (23) |

¢ where xpg 1is the local wing leading edge, xrg 1is the local wing trailing edge, C is i
i the local wing section chord and CgR 1is the rvot section chord. These stretching !
J functions have the effect of changing the local scaling from the local chord to the root

chord far upstream and downstream of the wing. This removes much of the added sweep due

to taper and provides the more stable computational grid.
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4.3 BOUNDARY CONDITIONS

Boundary conditions for the wing-body code are similar to those for the wind tunnel
code. The wake is treated in exactly the same fashion. 1Its position is assumed and made
part of the airfoil definition. Continuity of longitudinal and normal components of
velocity are enforced acro:s the wake to approximate a shear surface without a pressure
jump. Specifically, the wzite is not assumed to be a streamline, just a free shear surface.

On the body and wing, no normal flow is allowed. Also, no normal flow is allowed at
the upper and lower boundaries of the two-dimensional grids on the cylindrical surfaces
since these lines correspond to the plane of symmetry. Flow normal to these lines on the
cylindrical surface corresponds to cross flow which must be zero for symmetry reasons.
Therefore, the flow on the two-dimensional surfaces looks just like the wind tunnel flow
for a wing section in a solid wall tunnel.

Upstream, the Mach number and angle of attack are specified. Downstream, the per-
turbation velocity in the x-direction is assumed to vanish. This provides a first-
order approximation to a return to freestream pressure. On the outer shell, all the
perturbation velocity components are assumed to vanish. Of course the far field boun-
daries in the finite-volume algorithm are really at a finite distance from the configuration.
This in itself introduces some error; however, comparisons with other analyses and wind
tunnel data would indicate the effect to be small.

4.4 SAMPLE COMPUTATION

The wing-body code has been exercised for several representative configurations.
Results have shown good agreement with other numerical techniques in their common range
of validity. Two sample results are presented. The first example is a Learjet for which
no wind tunnel data are available for comparison. The second configuration is a Navy
attack aircraft (A-7) with a nonstandard supercritical wing which was designed for the
configuration using numerical optimization techniques. The wing-body configuration was
tested at NASA Ames Research Center to verify to new design goals and, hence, wind tunnel
data is available for comparison. The redesigned wing configu{itign resulted from a
design exercise to test transonic numerical design techniques.'?':

Figure 16 shows a coarse computational grid on the Learjet. The final computational
mesh has four times as many grid lines in each direction and is formed by dividing the
mesh spacing shown in half and then in half again. Figure 17 shows the pressure distri-
bution on the wing at a span station near the root and one near the tip. Wind tunnel
data currently being processed should provide a good comparison.

Figure 18. Coarse Grid on Learjet.
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Figure 17. C(.ndwm Pressure Distribution on Learjet.

Figure 18 shows a comparison of wind tunnel data with the results from the wing-body
finite-volume code and a wing-alone finite-volume code for the redesigned A-7 configura-
tion. The first station shown on Figure 18 (n = 0.146) is close to the wing body juncture
(n = 0.12) . These results show the strong influence of the fuselage and the good agree-
ment of the wing-body code with the wind tunnel data. Both the wing-body and wing-
alone computer codes were run at the same angle of attack as the wind tunnel model; there
was no attempt to match overall lift, Lower surface pressure agreement is excellent
across the span. Upper surface pressures predicted by the code seem to be generally
higher. This could be due to some viscous effect or possibly wall interference. The
viscous effect due to shock-boundary layer interaction is quite noticeable near the tip,
where the inviscid code predicts a stronger compression through the shock than was
obtained by the experiment.

M 085
a 468°
n - 046

X Expersmental
— Wi

ing Body
— == Wing Alone

wC

Figure 18. Comparison of Computed and Experimental Cordwisc Pressure Distributions on Modified A-7 Model.

Figure 19 shows the effect of the fuselage on the spanwise logding. The results are
nondimensionalized by the total lift coefficient so that the comparison shows the distri-
bution effect. The presence of the fuselage tends to increase the loading inboard on the
wing. The effect of ths fuselage on the total 1lift is indicated on the figure. For an
ang%e of attack of 4.68", the fuselage reduced the total 1lift by 38 percent, from 0.485
for the wing-alone case to 0.300 for the wing-fuselage case.

5. DISCUSSION AND CONCLUSIONS

The finite-volume algorithm provides a very powerful basis to generate computer
codes to solve the full-potential equations in conservation form about complex geome-
tries. The two codes described in this paper show the fundamental process that needs to
be followed in order to develop such codes. The accuracy of the results, when compared
to other codes and experimental data for the two codes, attest to the range of applica-
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Figure 19. Effect of Fuselage on Computed Spanwise Loading of Modified A-7 Model.

tion of the algorithm. More work needs to be done to determine the restrictions which
must be placed on the mesh generation. For example, this work uncovered that mesh sweep
could destabilize the solution. The exact mechanism and limits on the sweep have not
been fully studied. Furthermore, the smoothness of the mesh is known to place limits on
the procedure, particularly in the vicinity of shocks. Again, the exact limits are
unknown. Finally, two-dimensional computations have indicated that the aspect ratio of
the mesh is important. These exact bounds are also unknown.

Although many of these limits have not yet been quantized, they have not proved to
be real restrictions. The consequence of overstepping the bounds has so far been
catastrophic, i.e., divergence. The main purpose of presenting them is to make potential
program developers aware of where problems may occur should their codes suddenly diverge
without apparent reason.

The two codes presented here have faced one or more of these difficulties during
the course of their development. Their present status is such that they should run
without difficulty on a wide variety of configurations. The wing-body code does repre-
sent a practical limit to what can be achieved using a single mesh-generation scheme.
To include a tail, nacelles, etc., will require the marriage of more than one grid
system. This will require combining special grid-generation algorithms, each best
suited to a specific component on the configuration. Matching of flow parameters
across common boundaries will have to be incorporated into the solution procedure.

One other consideration which has not been mentioned yet is that of computing time.
Currently, both the wind tunnel program and the wing-body program require about 45
minutes of CDC 7600 time. Some bench mark runs have been made on the CRAY-1l. From
these tests, execution times of 8 to 9 minutes are expected. Improvements in execution
speed on the CRAY machine are expected since the increased memory will allow the program
to run totally in core without the need to store computational variables on disks.

Still further improvements could be expected if the solvers were vectorized.

Long-term improvements in speed are expected from the new algorithms being de-
veloped. An order of magnitude improvement or better in speed has been indicated by
some researchers using new algorithms such as multigrid. Near-term benefits have been
demonstrated using such procedures as extrapolation. Work performed at Flow Research
has shown that a 30 to 50 percent reduction in computing could be expected in general by
applying this technique. More work is required to determine how robust this technique
is.

Work currently in progress at Flow Research is addressed to short- and long-term
development of general-configuration transonic codes. The goal is to achieve a general-
configuration code which will provide designers with the most accurate results they can
achieve outside of the wind tunnel.
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RESUME -

11 s'agit de présenter la méthode d'éléments finis développée a 1'Aérospatiale pour la simulstion numé-
rique des écoulements transsoniques stationnaires non visqueux autour de géométries complexes, veilure
avec fuselage par exemple. Dans cette méthode, l'écoulement aérodynamique e:ct décrit par 1l'équatiorn géné-
rale du potentiel, sous forme conservative. Pour résoudre cette équation, on utilise une formulation ori-
ginale, basée sur une extension du principe variationnel Je Bateman au cas transsonique., Cette formulatior
permet de réduire le nombre d'itérations nécessaire pour obtenir une solution., L'unicité de cette solution
est assurée par l'emploi de viscosité artificielle, sous forme de densité "retardée". La discrétisation uu
probléme s'effectue par une approximation isoparamétrique trilineaire sur des élements hexaédraux, Danc le
cas d'ecoulements portants, la condition de Kutta Jowkowski est réalisée gréce aux solutions circulatoire:
associées, Des ~ésyltats pratiques sont présentés pour valider la méthode, Ils sont comparés a des résui-

tats expérimentaux et & des résultats fournis par d'autres méthodes numériques,

1.~ INTRODUCTION -

Les méthodes numériques occupent une place de plus en plus importante dans 1'analyse des formes aéro-
dynamiques complexes en régime transsonique. Ls méthcde des différences finies est la plus utilisée :
dans ses versions récentes, elle est rapide (méthodes semi-directes ou méthodes de factorisation) et
elle permet de "capturer" les chocs éventuels (méthodes de viscosité artificielle ou méthodes de den-
8ité retardée). Cependant, elle semble limitée dans 1'immédiat & des formes simples (voilure + fuselage
simplifié),

La méthode des éléments finis, par contre, est plus indiquée pour des formes complexes (possibilité de
maillage quelconque et traitement exac” des conditions aux limites), masis son utilisation en régime

transsonique est encore du domaine de la recherche. On peut signaler deux difficultds

1) - il faut savoir éliminer les chocs de déteute qui ne sont pas physijuement acceptables, mais
sont contenus dans 1l'équation du petentiiel,

2) - les principes variationnels classiques ne s'appliquent plus, car les fonctionnelles considérées

perdent leurs propriétés de convexité lorsque le nombre de Mach local dépasse 1l'unité,

L'objet de ce rapport est de présenter une méthode d'éléments finis hasée sur une approche veriation-
nelle et valable en régime transsonique., Cette méthode a été congue pour accepter d:s maillages quel-
conques et permettre ainsi le calcul d'avions complets, Dans les paragraphes qui suivent on trouvera
un résumé de la formulation théorique aiasi que des résultats p.éliminaires pour des voilures et un
ensemble voilure-fuselage.

* Ingénieur Aérospatiale - Aérodynamique théorique
** Ingénieur CERT (ONERA) - Groupe Analyse Numérique




2.~ DEVELQOPPEMENT THEORIQUE -
2.1 - BEquatious -

Dans la présente analyse, L'écoulement aérodynamique est déerit par l'djustion glncrale du polen-—

tiel, sous forme conservative

dovip gracc ¢) = 0

dans le domaine de calcul 1 (voir figure 1) ol

/oz/o(f) (<)

désigne la densité au point courant. Les conditions aux limites ussocides & cette €quation sont

i des conditions de Neuman

0
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[ Ces équations sont déduites des équations d'Euler stationnaires en faisant 1'hypothése d'irrota-
] tionalité, Puisqu'un écoulement irrotationnel est isentropique, 1'introduction d'un potentiel
impose le remplacement des ondes de choc par des discontinuités au travers desquelles 1l'entropie
b est conservée. On se limitera donc aux écoulements transsoniques stationnaires ol les ondes de
choc sont suffisamment faibles pour justifier cette hypothése. Par ailleurs, les effets visqueux
ne sont pas pris en compte et ils devront &tre introduits ultérieurement au moyen d'un couplage
avec un calcul de couche limite,
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2.2 - Méthode -

La méthode de résolution est basée sur une extension du principe variationnel de BATEMAN, Ce
principe donne la solution des problémes subcritigues comme étant le potentiel ? qui minimise
la fonctionnelle J-(?) , intégrale de la pression /)(50) sur le domaine de calcul SL {(voir fig.1):

J(p)=-|plp)dr _ (po,\_/;.ﬂl:,)jado' (s,

Malheureusement, dé&s qu'apparaissent des zones supersoniques dans l'écoulement, cette fonction-
nelle n'est plus concave partout et 1l'extremum cherché ne peut plus 8tre obtenu par une méthode

de descente,
~J

On considére alors la fonctionnelle de pression modifiée J(_‘P) :

oo

j(y)):- Leplg)-(1.¢)d ‘@ﬁmj@]@?a« S

o
ou € et cﬂ sont des fonctions pomctuelles & définir (pour C =4 on retrouve la fonctionnelle de
pression de BATEMAN). On peut montrer :

a) - que J( 30) est strictement concave dans l'espace des fonctions & dérivées de carré sommable
H' () si:

c <1 lorsque le mach local M(_(f) <1

et (7

C < 1 lorsque M(j") > 1

1, i 4] L2

-~
b) - que la stationnarité de](y)) par rapport & f dans B4 (£2) implique :

(far/[c/o(;p),kﬁ_c)cy]ﬁdjpjzo (5)
{[cp(;o)+(4-c)ol]j@l5a_ﬁ Z} N =0 )

Ces deux résultats constituent la base de la méthode itérative proposée, On définit une

et

suite d'intégrales de pression J:L(_?)j, modifiées de fagon & assurer leur concavité par-

tout grlce au choix de ¢ vérifiant les conditions (7). Chacune de ces intégrales a donc pour
minimum une fonction potentiel unique Spm . Si A chaque itération M on prend pour fonction
cl = ((&_’) , la solution SO du probléme transsonique peut &tre obtenue en tant que limi-
te de la suite {‘JP . En effet, & convergence, cette limite vérifie l'équation générale du

"
potentiel (1) alnsi’que les conditions aux limites (3 - 4).

Il faut remarquer que le choix € = O qui satisfait aussi les conditions de concavité <(7)

correspond & la linéarisation hsbituelle de l'équation au potentiel, c'est & dire :

o[w/ID(lﬁ“) 9/?0,6{%_]:0 (10)
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2.3 -

2.4 -

Cependant les fonctions C domnées par les formules (7) permettent une approximation non
linéaire plus riche de l'intégrale de precsion (5). La méthode proposée laisse donc espé-

rer une réduction substantielle du nombre des itérations n. .

Il reste & assurer la convergence de la suite { YL’S vers la solution physique du probléme
transsonique et l'élimination des chocs de détente, Ceci est réalisé en introduicant de la
viscosité artificielle dans les équations, au moyen de la méthode de la "densité retardée"
préconisée par HAFEZ, SOUTH & MURMAN'

Celle-ci consiste & remplacer, dans les zones supersoniques, la dcn~1tej3au point courant

par la denblte}o en un point situé légérement en smont, suivant la formule :

~

AR
//:MAX[O;d_e-E(_)]

et représente la densité sur 1'élément situé immédiatement en amont du point courant.

E x4, (e

A . . ez ‘ .
On montre qu'il y a équivalence entre la méthode de la densité retardée et les méthodec de
décentrage de JAMESONS et MURMAN ET COLE3, qui sont utilisées en différences finiec, Cepen-

dant, l'approche densité retardée se pr8te mieux & la discrétisation par €léments finis4.

Discrétisation -

Le domaine de calcul f1L est représenté par une partition d'éléments qui sont des hexaédres dont
les faces sont des quadrilatéres gauches. Sur cette partition, le potentiel SP ect approch€ par
une approximation isoparamétrique trilinéaire qui ne dépend que des valeurs du potentiel aux
noeuds du malllage Ainsi chaque probléme continu de détermination du potentiel SP » Dinimum

de l'1ntegrale.];b , est remplacé par un probléme discret aux N inconnues jo . bour L= 11 N
Pour cela, l'intégrale ,T n'est pas calculée exactement, mais de fagon approchee par une formule

de quadrature sur chaque élément. Une formule de GAUSS & huit points d'intégration est utilizée &
proximité du corps et une tormule & un point d'intégration pour le reste du domaine. La détermina-
tion desjeL; est un probléme de minimisation sans contrainte d'une fonction concave. La solution
est unique et elle est obtenue par l'algorithme des gradients conjugués, Cet algorithme permet une
faible occupation de la mémoire de l'ordinateur, puisqu'il nécessite seulement le stockage de trois

vecteurs de dimension N .

Condition de KUTTA - JOUKOVSKI -

Dans le cas d'un écoulement autour d'un corps portant, la condition de KUTTA - JOUKOVSKI (égalité
de pression & 1'intrados et & l'extrados du bord de fuite) conduit & une fonction potentiel ypqui
présente une discontinuité. Cette surface de discontinuité symbolise un sillage issu de la ligne
du bord de fuite du corps portant et on supposera qu'elle a une forme déterminée & priori.

Le potentiel solution du probléme portant est recherché sous la forme d'une combinaisorn linéaire
du potentiel solution du probléme continu associé, et de potentiels circulatoires, yui sont deu
fonctions harmoniques présentant une discontinuité étalon au bord de fuite. Les coefficients de la
combinaison linéaire sont obtenus & partir de la condition de KUTTA-JOUKOVSKI, dcrite en des points

de contr8le le long du bord de fuite sous la forme :
—

V intrados Ve,x.‘fra_dos (13)

Ces équations non linéaires sont résolues par un processus itératif de NEWTON qua cut mené paral-

lélement aux itérations m. du probléme transsonique.
Une telle formulation permet d'assurer 1l'égalité des pressions ainsi gqu'une allure convenable du

potentiel au bord de fuite du corp: po-tant.

.

b ——




5.~ RESULTATS PRELIMINAIRES -

La méthode présentée ci-dessus a été congue pour simuler 1'écoulement transconique autour d'avions com-
plets. En effet, le dév.loppement théorique a montré que 1l'approche €léments finis n'est pas restreinte
a4 des maillages de type "cartésien déformé", comme ceux utilisés en différences finies. Cette liberté
dans le choix du maillage permet le traitement de conditions aux limites compliquées. Lg mise en oeuvre
informatique a été faite de fagon & conserver cette propriété et accepter des maillages quelconques.,

Le but de ce rapport n'est pas de décrire une procédure pour générer de tels maillages. On présenters
plut8t des résultats destinés a valider la méthode et obtenus avec des maillages plus classiques sur des

géométries représentatives : voilures et combinaison aile-fuselage.

3.1 - Résultats pour ailes & la paroi -

Trois types de voilures ont été analysées et les résultats comparés & des résultats antérieurs et
4 des données expérimentales, La premidre voilure, désignée SUTO est une voilure droite & profil
NACA 0012, d'allongement 6. La seconde, désignée M6, a été étudiée expérimentalement & 1'ONERA?,
La troisiéme est une voilure supercritique congue & l'Aérospatiale sous le nom de 10AGS ; s& forme

en plan est représentée sur la figure 2.

FORME EN PLAN - VOILURE 10AGS -

2. 4. 6. 8. 10. 2. 1. 16.

Y(m) i

10.

X {m)

FIG: 2

Le maillage utilisé pour chague voilure comprend 5468 éléments et il est réalisé par tranches bidi-
mensionnelles juxtaposées., La figure 3 donne un exemple de maillage dans une tranche ; la disposi-
tion des mailles au bord de fuite (détail de la figure 3) n'est possible que dans une approche élé-
ments finis.

+ g—_—
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FIG: 3

DETAIL FiG:3 - MAILLAGE AU BORD DE FUTE

Le tableau suivant résume les cas de calcul présentés dans leés figures 4 & 22 :

Cﬁf VOILURE MACH M, INCIDENCE
1 SUTO 0.001 20

2 SUTO 0.8 o°

3 sSUTO 0.75 1,5°

4 M6 0.84 o°

5 M6 0.92 o°

6 10AG5 0.8 - 0,255°

b)

(solution quasi-exacte),

Pour la vérification des résultats, on dispose :

a) - dens le cas incompressible, d'une méthode de singularités développée & 1'Aérospatiale
d'une méthode de différences finies non conservative développée par A. JAMESON et D.A.
CAUGHEY sous le nom de FL0-226,

c) - pour 1l'aile M6, des résultats expérimentaux de 1'ONERA,

d) - pour 1'aile 10AG5, des résultats expérimentaux obtenus par 1'Aérospatiale,
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Le cas de calcul incompressible permet de tester la précision de la méthode e¢t sa capacité & traitar
les probldmes portants, Les résultats sont excellents, tant pour les courbes de coefficients de
pression que pour la répartition de portance locale en envergure. Au bord de fuite, ils présentent
m8me un traitement de la singularité meilleur que ceux des différences finies.

Les comparaisons sont plus approximatives pour les calculs transsoniques, A cels, il existe troic
raisons principales

a) - la méthode des éléments finis est conservative alors que celle des différences finies ne
l'est pas,

b) - la méthode des éléments finis ne tient pas compte pour 1'instant des effets visqueux qui

sont présents dans les essais,

¢) - enfin le maillage d'éléments finis est trop grossier, surtout dans la direction loungitudi-

nale (il n'y & que 25 points sur l'extrados d'un profil)

La figure 10 permet d'ailleurs de voir 1‘'influence du maillage pour un cas transsonique bidimension-
nel. On note que la méthode des éléments finis génere un choc trés raide, pratiquement réparti sur
une maille.

Les résultats présentés ci-dessus ont été obtenus dans leur majorité sur un ordinateur CDC CYBER-17%.

Dans le cas de calcul n° 2, on a utilisé :

200 minutes de temps CP

5824010 mots de mémoire centrale

25283010 mots de mémoire ECS

Pour ce méme cas, la formulation variationnelle généralisée nécessite 8 fois moins d'itérations N

que la formulation lindarisée (10) qui est employée habituellement,

3.2 - Résultats pour combinaison aile-fuselage -

Afin de montrer la capacité de la méthode & traiter des configurations réalistes, une combjinaison
aile-fuselage a aussi été étudiée. La figure 23 donne un plan 3 vues de cet ensemble. Il s'agit
d'un cas non portant et on considére seulement le quart du domaine entourant l'cbstacle. On pourra
compléter par symétries. S'agissant de résultats préliminaires un maillage grossier de 3000 é1é-
ments (dont 48 sur un c8té de la voilure) est utilisé. Les figures 24 et 25 montrent les isobares

4 la surface du corps en régime incompressible et en régime transsonique (H°,= 0.8).

4.- CONCLUSION -

Le résumé d'une méthode de calcul originale des écoulements transsoniques tridimensionnels stationnaires
vient d'8tre présenté, ainsi que quelques résultats préliminaires., Ces résultats permettent de valider

1'approche éléments finis et ils donnent une idée de sa généralité, Le travail futur va porter sur deux
points principaux :

a) - brancher le programme de calcul sur un générateur automatique de maillages quelconques, qui per=-
mettent d'utiliser pleinement les possibilités de la méthode,

b) ~ améliorer les performances de la méthode, en y incorporant notamment 1la technique des maillages
imbriqués,

On peut penser qu'alors cette méthode constituera un véritable outil aérodynamique pour les écoulements
transsoniques.

i3 e o W T
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ETUDE PAR LA METHODE DES ELEMENTS FINIS DES
INTERACTIONS VOILURE-FUSELAGE-NACELLE D'UN AVION
DU TYPE FALCON A MACE = 0,79

par Gilbert HECKMANN

Département des Etudes Théoriques Aérodynamiques
Division des Etudes Avancées
AVIONS MARCEL DASSAULT BREGUET AVIATION
78, Quai CARNOT 92214 St-CLOUD (FRANCE)

0 ~ INTRODUCTION

0.1 -

L'adaptation du moteur GARRETT ATF3-6, sur le biréacteur d'affaires FALCON 20 équipé en série
d'un General Electric CF 700, mit en évidence un accroissement de tralnée en écoulement trans-
sonique important et imprévu, bien que 1l'ensemble fuselage-nacelle ait été &tudié préalablement
par des méthodes traditionnelles.

L'étude en soufflerie de la configuration nouvelle montra des chocs sur 1'avant de la nacelle
moteur et sur l'arriére de la voilure 3 l'extrados prés de 1'emplanture 3 Mach = 0.79 : 1'écou-
lement de 1'air entre voilure et nacelle était localement supersonique. Il fut donc décidé de
modifier 1a forme et la position de la nacelle et du mit.

La configuration complexe fuselage-voilure - mit-nacelle devait €tre étudiée en écoulement super-
critique en tenant compte du débit du moteur. Une technique s'imposa : celle des ELEMENTS FINIS
qui permetr le calcul aérodynamique en écoulement tridimensionnel et transsonique avec chocs dans
un domaine géométriquement quelconque avec des conditions aux limites requises.

A 1'époque, la méthode des éléments finis n'était pas suffisamment performante, i cause entre
autres des problémes de maillage dans les cas complexes et de ceux de la convergence du calcul
avec chocs importants.

Nous nous proposons de montrer ici, que la maitrise d'une méthode de calcul transsonique permet
de résoudre des problémes aérodynamiques, non détectables quelques années auparavant autrement
que par des essais en vol ou en soufflerie.

Aprés avoir &tudié briévement le probléme en soufflerie, et présenté les outils mathématiques et
informatiques indispensables, nous présenterons les méthodes d'exploitation et les résultats de
calcul sur deux configurations :

- avec nacelle d'origine dite Nl et mat

- avec nacelle définitive dite N5 (position et forme modifiées) et mdt 8.

| ~ CARACTERISATION DES PROBLEMES TRANSSONIQUES

Le dépouillement des premiers vols du FALCON 20 G montra une augmentation de trainée importante
par rapport au FALCON 20 F. Cependant les deux avions ne différaient que par leurs moteurs : le
FALCON 20 F est équipé de deux General Electric CF 700 de 2040 kg de poussée au point fixe pour
un débit de 59 kg/s et une dilution de 2. ; le FALCON 20 G utilise deux GARRETT ATF3-6 de 2470 kg
de poussée grice i un débit de 74 kg/s et une dilution de 2.8 environ.

Le moteur ATF3 a donc besoin d'une entrée d'air nettement plus grande que celle du CF 700. La
figure | montre la proximité de la voilure et de la nacelle dans les deux cas : une variation de
volume de celle-ci entraine une variation importante du couloir entre nacelle, fuselage et voilure,

Les deux avions ayant le méme fuselage et 1a m@me voilure, le supplément de tralnée ne pouvait
résider que sur la partie arriére. L'avion des essaic en vol fut équipé de fils de laine sur la
nacelle, le mit, le fuselage arriére. L'examen en vol montra un décollement important sur 1'in-
trados du mat, sur la partie inférieure de la nacelle avoisinante et sur le fuselage situé en
arriére. Des mesures de pression prouvérent l'existence de zones olt le nombre de Mach dépassait
1,4 : raison amplement suffisante pour entralner des décollements et par conséquent 1'accroisse-
ment de trainée (figure 2).

Des essais aérodynamiques furent effectués dans la soufflerie transsunigne T4 de Saint-Cyr 1'Ecole.
Les deux premiéres maquettes utilisées (le FATCOMN-2Q F 2 moteur CF 700 et le FALCON 2N G a moteur )
ATF3 dans la nacelle Nl)mirent en évidence le prohléme détecte o :~! par 1'obtention de 1'ecar:

de trainée entre les deux avions et la mesure de pressions statiques sur le marT—: ay_moteur.

L'écart de trainée, inexistant en dessous de Mach 0,7, dépassait 12 7 a Mach 0,83 (figure 3r. — =

L'existence de chocs importants sur le mit, le fuseau et méme la voilure (figure 4a et 4b) fut
mise en évidence par des visualisations pariétales de 1'découlement. Les décollements détectés en
vol n'étaient pas nettement visibles sur l'arriére du fuselage.

l.a mesure des pressions sur l'intrados du mdt recoupa parfaitement le vol (figure J). l'effet du
nombre de Reynolds n'était pas visible sur la pression pariétale,donc le phénomine tramssonigue
de vol était bien représenté par la soufflerie.




1.3 ~ Des calculs théoriques par singularités et par éléments finis, associés 4 la soufflerie, per-
mirent des modifications de la forme du mat, de la forme de la nacelle et de la position de
ceux-ci sur le fuselage (voir paragraphe 2.4).

La configuration obtenue permit de diminuer le nombre de Mach local sur le mit et sur la nacelle
N5 et par suite,de réduire voire supprimer la zone transsonique de 1'écoulement dans le couloir
entre voilure et nacelle : si une recompression existait encore dans cette zone, elle ne devait
pas étre importante car non détectée par les visualisations pariétales. La trainée de 1'avion
devenait égale a celle de son prédécesseur le FALCON 20 F (figure 3).

2 - CONTRAINTES DE FABRICATION ET CALCULS THEORIQUES

2.1 ~ Pourquoi aprés avoir défini avec succés la forme arridére du fuselage du triréacteur FALCON 50,
> 1'aér« dynamique théorique avait-elle été incapable d'obtenir un résultat correct dans le cas du
FALCON 20 G ?

La réponse est simple : les contraintes sur les formes extérieures n'étaient pas du tout les
mémes. Dans le cas du FALCON 50, le Bureau d'Etudes, les calculs de résistance des materjaux ou
les colits de fabrication imposaient des exigences faciles a satisfaire sur une forme extérieure
d'un avion qui restait 3 définir : la forme du profil d'emplanture de la voilure ou la "tajlle
de guépe" du fuselage arriére furent déterminées en tenant compte de la présence des fuseaux
moteur.

2.2 ~ Le probléme du FALCON 20 G était beaucoup plus contraignant : le fuselage et la voilure, dont les
outillages avaient été fabriqués pour le FALCON 20 F, ne pouvaient en aucun cas étre modifiés.
L'opération de changement de moteur devait &tre exécutée lc plus rapidement possible. Le mit du
réacteur, plus gros que l'ancien, devait s'accrocher aux mémes points sur le fuselage.

Les modifications autorisées ne permettaient pas de réduire notablement les zones supersoniques
et le nombre de Mach local ; le probléme était sans conteste celui d'un écoulement supercritique
tridimensionnel avec des nombres de Mach importants et des chocs dont la modélisation était in-
dispensable.

2.3 ~ Lors de la premiére définition, les calculs avaient été effectués par méthode de singularité tri-
dimensionnelle. Le second membre de 1'équation de poissonsy= - M- ; représenté par des sources
réparties dans 1'espace ne permettait pas de dépasser un nombre de Mach local de 1. environ : le
probléme transsonique ne pouvait etre traité ni méme détecté.

2.4 ~ Lors de la détection en vol des problémes évoqués ci-dessus, nous possédions un nouvel outil de

calcul : la méthode des éléments finis. Mais 3 ses débuts, seules des configurations simples (ure
nacelle seule par exemple : figure 5) pouvaient &@tre calculées dans un écoulement avec ondes de
choc faibles ; 1'outil théorique était toujours insuffisant pour retrouver dans notre cas les
résultats de vol ou de soufflerie (chocs forts, inflience de la voilure).
Tout au plus avait-on pu modifier légérement le mdt (figure 6), 1'extérieur de la nacelle et in-
diquer la position optimale de celle-ci dans 1l'espace en tenant compte du champ aérodynamique de
la voilure et du fuselage (figure 7). Mais il était impossible par calcul théorique de savoir si
les améliorations apportées étaient ou non suffisantes en remplagant la nacelle NI par N5 calée
différemment.

Aujourd'hui il en est tout autrement. La méthode des éléments finis a fait des progrés considéra-
bles. Nous avons développé des maillages automatiques de 1l'espace rendant calculable toute confi-
guration. Nous nous proposons donc ici d'illustrer, sur un exemple, certaines des possibilités de
ces programmes récemmment mis au point,

3 - RAPPELS SUR LA METHODE DES ELEMENTS FINIS

3.1 - La modélisation des écoulements tridimensionnels .3 potentiel transsonique, autour d'un obstacle
partant, d'un fluide parfait compressible conduit 3 la résolution du probléme non linéaire aux li-
mites mixtes dans un domaine(f)limité par (r) .

—_— . . I3 .
) 7. P V_CP =0 @ potentiel de vitesse discontinu dans M

(2) p=(1-
™ (pVe
<

densité du fluide dans Sl

k|
— —_— =\ . —
. ) = (P LPT]) Rankine - Hugoniot (V¢ discontinu)

(4) A P k condition d'entropie
(5) (P+ = '-PL+1 sur la nappe de discontinuité (1 = circulation)
(6) | V(P l = l ‘Pl sur le bord de fuite (JOUKOVSKI)
7 é_’ﬁ = g Neuman homogéne ou non
on
(8) ¢$=0 pour fixer le niveau du potentiel
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avec  Xeg- R = A
¥ T Y+t c*?

C vitesse critique

Y’ rapport de chaleurs spécifiques

La condition de Neuman_est soit homogéne dans le cas de glissement sur 1'obstacle (g = 0), soit

non homogéne_ﬁg = V.. 0) 3 la limite de l'écoulement non perturbé ou dans le plan d'entrée du
moteur (g = Yy - m.

Une particularité des écoulements transsoniques a potentiel réside dans 1l'existence de chocs de
faible intensité (Mach amont au choc inférieur 3 1,5), imposés par la condition d'irrotationna-
lité, dus au caractére mixte elliptique (subsonique), hyperbolique (supersonique) des équations
(1) et (2). A travers un choc 1'écoulement doit satisfaire les conditions de Ramkine - Hugoniot
(3) (od ™ est la direction normale a 1'écoulement). Les chocs inclus dans les solutions de (1) et
(2) sont des chocs de compression ou de détente. Afin d'éviter ces derniers une condition d'en-
tropie est modélisée sous la forme (4).

Le domaine de calcul relatif au FALCON 20 G est représenté sur la figure 8 avec les équations i
résoudre et les conditions aux limites.

Le probléme (1) (2) .... (8) consiste a trouver ¢ solution de

9 T(p)=0 QevV
T opérateur non linéaire (transsonique)
V espace fonctionnel incluant les conditions aux limites, les contraintes de portance et d'entro-
pie. La méthodologie utilisée est la technique des moindres carrés fonctionnels. Elle consiste 3
remplacer (9) par un probléme de minimisation dans une norme fonctionnelle appropriée i 1'espace
dans lequel on cherche : en 1'occurence H™! dual de 1'espace de Sobolev H'o. (GLOWINSKI,
PIRONNEAU (IRIA-FRANCE), PERIAUX, POIRIER (AMD-BA) : références de | 3 4).

L'algorithme général consiste en deux boucles de calcul :
- 1'une externe sur la circulation fixant la portance via la condition de JOUKOVSKI

-~ 1'autre interne sur la compressibilité via un probléme de contrdle optimal résolu par gradient
conjugué.

La mise en oeuvre informatique des algorithmes de moindre carré fonctionnels couplés 3 des métho-
des d'éléments finis sur des configurations industrielles complexes (avion complet) souldve plu-
sieurs difficultés liées aux grandes dimensions. La tétraédrisation de 1'espace conduit 3 des
dizaines de milliers d'éléments et 3 des matrices 3 centaines de milliers d'éléments non nuls. La
répétition des calculs (itérations) nous a fait choisir une résolution directe du type Cholevski -
profil ol 1'opérateur de Dirichlet est factorisé sous la forme A = LL

(LT macrice triangulaire inférieure)

Malheureusement le nombre d'éléments non nuls de L est bien supérieur 3 celui de A (quelques mil-
lions). L'industrialisation de ces méthodes nous force 2 utiliser des processus nouveaux (méthodes
de factorisation incomplétes, opérateurs auxiliaires de conditionnement...) et 1'utilisation in-
tensive donc optimale de mémoire auxiliaire (disques ou bandes magnétiques) s'avére indispensable
avec des méthodes de transfert des données appropriées.

4 - PROBLEMES DE MAILLAGE TRIDIMENSIONNELS

4.1 -

Jusqu'a présent les problémes qui se posaient pouvaient étre résolus soit par intervention manuel-
le (mailles sur la surface extérieure de l'avion en sigularités) soit par des maillages bidimen-
sionnels répétitifs (fig. 9) pour des traitements par différences finies avec prise en compte cor-
recte des conditions limites (domaines complexes impossibles), soit par découpage direct de 1'es-
pace réel non supporté par un calcul transsonique.

La méthode des éléments finis 3 base de tétraddres permet de traiter un maillage vraiment tridi-

mensionnel autour de corps de forme quelconque. Dans un premier temps les discrétisations étaient
de type bidimensionnel (voilure, voilure + fuselage obtenus par déformation du plan de symétrie,

entrées d'air avec topologie de révolution) en utilisant des hexaddres comme mailles intermédiai-
res. Deux problémes sont apparus.

La taille des ordinateurs limitait le nombre d'éléments de discrétisation. De plus le développe-
ment des zones supersiniques impose une limite extérieure notablement plus éloignée de 1'avion
que pour un calcul entiérement subsonique. De toute fagon, il était aussi indispensable que logi-
que d'utiliser 3 fond les possibilités : éléments petits dans les zones 4 fort gradient de vites-
se, éléments trés gros dans les zones peu perturbées, éléments allongés dans la direction normale
au gradient local. Ceci est obtenu par condensation d'un maillage plus régulier tout en gardant
sur les noeuds conservés des informations topologiques de création.

Une zone complexe tridimensionnelle devait étre décomposée en sous ensembles disjoints traités par
les méthodes précédentes. Puis les interstices sont remplis par une méthode absolument générale
mais coliteuse : il aurait été inconcevable, notamment pour des raisons de temps de calcul, d'uti-
liser cette méthode générale dans le domaine complet. Elle consiste a remplir de tétraédres joints
un volume limité par une surface fermée constituée de triangles.
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4.3 - Des vérifications sont opérées a tous les niveaux soit automatiquement soit en mode conversation-
nel 3 1'aide de visualisations sur écran. Par exemple tous les tétraédres doivent avoir un volume
positif : les faces dites limites donc communes 2 un seul élément doivent se trouver sur une li-
mite du domaine de calcul. Des informations topologiques par noeuds ou éléments sont indispensa-
bles pour le calcul (types de conditions aux limites) ou pour l'exploitation des résultats (re-
pérage de la surface de 1'avion, limitation spaciale d'une zone).

Les figures 10 et 1l donnent l'allure d'une coupe plane du maillage, l'une normale au plan de sy-
métrie juste en avant du bord d'attaque de la nacelle, !'autre paralléle & ce méme plan et pas-
sant par le centre de la nacelle (avant remplissage de l'espace autour de la nacelle). La figure

12 montre le maillage sur la peau externe de l'avion.

5 ~ RESULTATS ET COMPARAISON AVEC LES ESSAIS EN SOUFFLERIE

5.1 -~ Nacelle | : Le calcul par éléments finis 4 Mach = 0,79 et CZ = 0,30 conduit sur la voilure au
systéme d'ondes de choc habituel : un choc faible sur la voilure 3 mi-profil dans le sens de
1'envergure Cl et un choc issu du bord d'attaque du profil d'emplanture C2 qui rencontre le pre-
mier. Ce résultat aurait pu €tre obtenu par un calcul schématisant simplement la voilure et le
fuselage. Mais ce qui est plus intéressant c'est 1'apparition d'une zone supersonique qui se ter-
mine par une recompression C3 entre la nacelle et 1'extrados voilure. 11 est difficile, par manque
de mesures en soufflerie ou en vol, de savoir si les pressions sont exactes mais le gradient de
recompression trés important est suffisant pour créer un décollement de la couche limite (voir5.2)
ce qui explique les visualisations pariétales (figure 16). Le champ de vitesse est représenté
dans l'espace sur la figure 13 dans une coupe verticale.

La zone supersonique qui était de faible importance lors du calcul avec une nacelle isolée s'est
donc étendu jusqu'3a la voilure 3 cause de l'effet de "couleir” (figure !5) tout en accroissant le
nombre de Mach maximum sur la nacelle.

Nous pouvons vérifier, par analogie, l'existence de chocs sur la nacelle (figure 18). Le seul ré-
sultat qualitatif, outre la position des chocs, est la mesure de pressions sur le midt. Le cal-

cul recoupe correctement celle-ci dans la partie supersonique (figure 17). Le choc s'est

bien développé correctement ainsi que la zone supersonique mais néanmoins le résultat est totale-
ment différent du résultat bidimensionnel (figure 6). La répartition des nombres de Mach dans une
coupe de l'espace passant entre la nacelle et le fuselage est représentée figure l4. On y remarque
deux zones supersoniques : 1'une 3 nombre de Mach peu élevé sur l'avant de la voilure, 1'autre en-
tre le mdt et la voilure. Le nombre de Mach dépasse & peine | sur 1'arriére du profil de la voi-
lure (résultat analogue figure 14), mais il atteint 1,4 comme en soufflerie, sous l'intrados du
mat prés du bord d'attaque. La valeur de pression calculée est représentée figure 15.

5.2 -~ Extension 3 un fluide visqueux

Le champ de pression ou de vitesse dans l'espace étant connu, il est facile d'évaluer les gradients
de pression en suivant les lignes de courant du fluide. Le calcul de couche limite (épaisseur,
épaisseur de déplacement, cisaillement, etc...) s'opére en tenant compte des courbures longitudi-
nales et transversales de la surface avec des conditions initiales et aux limites qui sont celles
du vol ou de la soufflerie.

Sur un avion civil en croisiére et correctement mis au point, les ondes de chocs si elles existent
sont faibles sinon elles entraineraient une trainée d'onde et une trainée due au décollement des
couches limites qui nuiraient aux performances. Néamnmoins il existe, lors des itérations, des ondes
de chocs fortes qui obligent @ tenir compte dans le calcul de la variation d'entropie du fluide.

5.3 -~ Influence du débit du moteur : les résultats précédents (5.1) ont été obtenus en imposant dans le
calcul un débit d'air dans la nacelle correspondant i celui du moteur en vol. Il est A noter que
les essais en soufflerie tenaient compte correctement de cette contrainte. Mais le débit du moteur
a une trés grande influence sur la zone supersonique dont une des raison d'exister est le contour-
nement des lévres de nacelles. La forme de celles-ci doit en effet &tre un compromis entre les cas

de vol en croisiére et le décollage par fort vent de travers.

Cependant il faut noter que les problémes transsoniques apparaissent ici au-deld de Mach 0,75
(figure 3). Le nombre de Mach & l'entrée du compresseur varie peu lors d'un vol en croisiére. S'il
est indispensable d'imposer le bon débit du moteur pour faire unm calcul réaliste, la configuration
obtenue ne devrait pas poser de problémes aérodynamiques majeurs lors des vols dans des conditions
normales.

5.4 - Nacelle 5 : L'étude de la configuration modifiée montre la disparition totale de zone supersonique
sur 1'extrados voilure vers le bord de fuite prés de la nacelle moteur (figures 16 et 17), comme
en soufflerie et en vol. Il reste bien entendu des poches supersoniques sur le mdt et sur la na-
celle (figure 19) mais le nombre de Mach maximum atteint a diminué notablement et les gradients de
recompression, quand ils existent, ne font plus décoller la couche limite. En conséquence, les
phénoménes de buffeting et d'accroissement de trainée (figure 3) par rapport au FALCON 20 F ont
disparu.
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6 - CONCLUSION

6.1 - Avant l'utilisation de méthode d'éléments finis, les calculs d'écoulements non visqueux étaient
limités soit par le nombre de Mach local (compressible subcritique traité par singularités) soit
par la complexité de 1'espace (transsonique et méthodes de différences finies).

6.2 - Pour démontrer la puissance des méthodes par éléments finis, il fallait :

a - un exemple complexe analysé physiquement par la soufflerie ou les essais en vol

b - une solution mathématique aux équations transsoniques 3 potentiel discontinu
(JOUKOVSKI) et 3 vitesse discontinue (chocs)

¢ - une mise en oeuvre informatique pour un probléme A un trés grand nombre d'éléments
de discrétisation

d - une construction géométrique de 1l'espace discrétisé dans un cas tridimensionnel
quelconque

Les recoupements avec les essais en soufflerie et en vol du FALCON 20 G ont permis de valider
1'ensemble cohérent de programmes répondant aux impératifs b, c et d.
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Fig. | - FALCON 20F / FALCON 20G : comparaison de l'encombrement des moteurs.
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. . Fig. 3 - Comparaison de la trainée du FALCON 20F
Fig. 2 - FALCON 20G : comparaison des Nbre de Mach avec celle du FALCON 20G

en vol et en soufflerie (Nacelle I, mit 1) (avant et aprés modification).
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Fig. 4a - Mise en évidence, en soufflerie des Fig. 4b - Mise en évidence, en soufflerie des
décollements sur la nacelle | décollements sur la voilure
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Fig. 6 - Amélioration du mit
par calcul bidimensionnel.
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Pig. 8 - Domaine de calcul ; conditions aux limites et dans le fluide.
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INCREASING THE VALUE OF AIRFORCES BY
IMPROVING EXTERNAL STORE CONFIGURATION

Clifford L. Bore

British Aerospace Aircraft Group
Kingston-Brough Division
Kingston
Surrey

SUMMARY

This paper surveys the value of improvements to the external stores configuration, such as reduced drag
(with consequent improvements of performance), and reduced release disturbances to the trajectory. It

is shown that the effectiveness/cost ratio of a fighter G.A. airforce could be improved greatly - perhaps
better than doubled - by refining the aerodynamics of external store carriage, and that the payoff in
value should be over 100 times the cost of re-equipment.

INTRODUCTION
Some 15 years ago, aircraft designers were becoming concerned that the drag of external stores(including

carriers) was excessive. Could it be right that we take such care with the smoothness of the aircraft,
but tolerate such crude excrescences on the stores (Figure 1)?

Figure 1 WHY SHOULD AERODYNAMIC CLEANLINESS STOP AT THE PYLON?

In the U.K. research was started into drag reduction, which soon showed major improvements. Eventually it
was realised that action to incorporate many of these improvements would need NATO-wide co-operation and
in 1974 the U.K. suggested a NATO Working Group. The Working Group was set up by the AGARD Fluid
Dynamics Panel (under my chairmanship) with members from the Flight M .chanics Panel and the Structures
and Materials Panel.

We considered that the aerodynamic effects of stores (including pylons and carrier in the term "stores")
were far wider than drag alone, so the Working Group studied not only drag and its immediate consequences
(such as degraded performance and manoeuvrability) but also aspects such as release trajectory, flutter,
loads and stability.

However, we were determined that our report (1) should lead to action, so we tried to answer in advance
the sort of questions that budget-bosses might raise while deferring a decision. Obviously they would be
entitled to say something like this:

"0.K., you believe you can reduce drag, and release disturbances and so on by redesigning stores.
You may well be right, but do you realise how much it will cost to change them? Those stores
COST A LOT OF MONEY, and we will not spend much more without very good reason! How much are those
improvements worth - in MONEY?"

My paper today concentrates largely on answering those questions a little less vaguely than in the report,
but it is important to emphasise that this was only a small part of our report (1). The main drive of
that was to understand and improve the aerodynamic effects of stores. One important section was the
chapter on drag, reviewed meticulously by Barry Haines, who will discuss that topic in the next paper.

I do not claim that my evaluation of improvements is accurate or particularly novel, or that it is elegant
enough to become fashionable for academics, but 1 do believe it is important. It is important because it
concentrates our attention on the things that matter most, and helps us all to get the most defence for
our taxes, but most of all it is important that we learn to translate from aerodynamicists' language to
budget-boss' language and thus get action on our recommendations.




4.2

ASSESSING THE VALUE OF AN AIRFORCE

Value is related to the amount one would be prepared to pay for the usefulness supplied, in the
circumstances. Thus the value may vary greatly with the circumstances: for example the value of a
parachute would differ according to whether one was falling out of an aeroplane, or drowning. Richard I11I
must have appreciated this distinction, when he assessed the loan of a horse as equivalent to his kingdom.

Since value can vary greatly from one scenario to another, and there is uncertainty about future
scenarios, we have to envisage a probable mixture of scenarivs. For illustration we will consider Close
Air Support (CAS) operations in a "European" scenario, which implies sophisticated opposition in a short,
sharp war - at the end of which most of our aircraft have been put out of action.

Factors of Effectiveness Value

The effectiveness of an airforce is proportional to the number of targets it can destroy before it is
put out of action. Clearly this effectiveness is proportional to a number of factors, such as the rate
the aircraft can transport warload (W), the average availability of the aircraft in wartime (A), and the
target killing effectiveness (K). Let us examine these more closely.

Factors of Effectiveness Value (V)

Value oG Effectiveness
Effectiveness ©oC (Warload rate, unimpeded)X
(Availability in wartime)X
(Kill effectiveness)
whence:-
Vo= WACK +itiininnensrenenvesacesnecnsassasnsnssuseosansssnsss(l)

where C is the constant of proportionality.

Warload Transport Rate (W)

W = Mass of ordnancetransportable when unimpeded, relative to datum aircraft.
= (Load of ordnance, per sortie)R x (Number of sorties, per day)R

Here the sortie rate (N) depends on

* turn-round time (r)
* block speed (v) N = 1
* distance from base to battle area (d) r+%ﬁ
thus:-
- L Y 2]
r+2d
v R

Where the suffix R indicates that the parameter is to be made "relative®™ by dividing by the comparable
parameter for the datum aircraft.

Availability in Wartime (A)
Availability = average fraction of aircraft days usable during war.

This depends on factors:-

t = fraction of total time usable bad weather capability
night time capability
target availability

a = fraction of aircraft usable survivability
repairability
maintainability

b = fraction of bases usable runway length requirement
ground hardness requirement
base survivability (including detectability)

s = availability of stores logistics
interchangeability

Thus:

A I & )
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Target Killing Effectiveness (K)

K = s8pecific rate of destroying targets (per unit of ordnance released) relative to datum aircraft

and stores,

This depends on various aspects, but not generally in a simple law of proportionality:-

* power of weaponry

* active guidance of weaponry
* aiming accuracy of aircraft aircraft controllability.
sighting system.
pilot's workload and fatigue.
*

accuracy of stores trajectory ejector/carrier dynamics,
aerodynamic release disturbance.

The Constant of Proportionality

If we arrange that all the factors of Value are made non~dimensional by making them ratios, relative to
the factors appropriate to a known datum aircraft, then the constant C amounts to the value of an

airforce comprising a given number of the datum aircraft. Now that value is not set by engineers or by
accountants: it is a political judgement.

1 suggest we assume that the government, in its collective wisdom, has decided that the value of the

datum airforce is not less than its current lifetime cost. Then it follows that the value C is at least
the lifetime cost of the datum airforce.

For wost comparisons the value C is not needed accurately, but it seems that typically it is around 5
times the cost of buying the aircraft (Figure 2).

OFF - BASE
OVERHEADS.
NON-ATTRIBUTABLE
OPERATIONAL

L - - - - - AIR FORCE

REPAIRS, costs
MAINTENANCE,
ETC.

RESEAACH, DESIGN,  ~ TFUEL_
DEVELOPMENT, TEST

AND EVALUATION STORES

{OF WHICH R & D IS ABOUT 10%)

IRCRAFT AIRCRAFT
AIRC PROCUREMENT

Figure 2 APPROXIMATE LIFE-CYCLE COSTS OF C.A.S. AIRFORCE

For the order of magnitude. the constant C is around $5 billion for an airforce of (say) 120 CAS
aircraft. So if we double the effectiveness of that airforce, we add 85 billions worth of value - and
even a mere 17 increase in effectiveness is worth $50M.

Overall Value

Substituting from (2) and (3) into (1) we get

v
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EFFECTS OF STORES

For some of the terms in the value equation, it is difficult to work out how they depend on normal
performance data. Our present aim is rot to go deeply into that,~simply to illustrate the sort of
sensitivity involved in a typical cxample. For our example we will take the calculations performed by
Professor Dr. J. Barche for chapter 7 of Reference 1, for a hypothetical Close Air Support (CAS) aircraft.

Generally there are two possible ways of reaping the benefit of aerodynamic improvements. First, for
existing aircraft we can make use of the improved performance capabilities. Second, for new aircraft on
the drawing board, the aircraft can be shrunk to smaller size and cost for the given capabilities. We
will look at both ways, in turn.

1) Example of Existing CAS Aircraft

For the first example the datum aircraft will be taken as the nominal CAS aircraft when fitted with
stores and carriers of current aerodynamic crudity. The improved aircraft is the same machine but fitted
with aerodynamically smoother stores and carriers.

With current knowledge the installed drag of service bombs and their carriers can be reduced by around
50%, and missiles could be improved by about 25% of current drags. So it should be feasible to reduce
store drag overall by about 30Z (which is comparable with the entire drag of the wing - see Figure 3).

ORIGINAL
STORES
STORE ARRAY
INTER—
FERENCE LIFT DEPENDENT CLEAN
FIRST-STAGE \ \ AIRCRAFT
CLEAN-UP \ INTER-
‘ FERENCE,
STORES INTER- \E}I(CREEST((::ENCES
FERENCES \ .
REDESIGN &
CRUTCHLESS E.R.U.
r"""'-'-'1 \ﬁ""(;
2 - STORE | STORES I | ~FINAND ]
RACKS ! | [TAILPLANE|
RACKS | I FUSELAGE
PYLONS PYLONS | |
L

Figure 3 DRAG OF STORE ARRAY, AND CLEAN AIRCRAFT

Such a reduction of drag would allow the aircraft to penetrate to target faster with a given warload
(M = 0.81 instead of M = 0,74 in this example) or to range further at given speed.

The effect on the warload transport term (W) is not large, giving an increase of perhaps 47 to the term
in square brackets, in (4).

In the availability term (a) we note that the only terms affected by the drag are the aircraft
availability term (a) - by virtue of improved survivability in the face of defences, and perhaps the
"time avilable'" term (t) - by virtue of greater range permitting more target availability.

Aircraft survivability varies greatly with the nature of the defences, but for low-altitude intrusion
against most defences, the survivability increases sensitively with increased speed of penetration, but
decreases with height (which has to increase with speed over bumpy terrain). For the speed change and
low height concerned here the factor (a) relevant to ground-to-air defences probably ranges from about
1.15 to 2.70.

In the face of enemy fighters, the first factor of concern is the probability of not being seen and
attacked - a factor which increases with increasing penetration speed with stores on). Once the enemy
fighter has started turning to attack, our CAS aircraft should jettison its bombs, so its manoceuvrability
is now affected by the drag of the installed air/air missiles and the empty bomb carriers. Drag
reductions on the missiles and carriers may be worth about 3% of the drag of the clean aircraft, and

on the bare pylons about 5% of the clean aircraft drag; a total reduction of over 51 of the drag of the
datum aircraft with bombs gone. Typically, this may increase the specific excess power by some 6 m/sec,
and the manoeuvrability with it. Assessment of the effects of these improvements cannot be accurate, but




the combined effects of higher penetration speed (with bombs on) and higher agility (with bombs gone)
suggests a factor on survivability in the face of enemy fighters of about 1.25. 1In addition, the extra
agility should enable our CAS to shoot down perhaps 177 more of the enemy fighters than before: a factor
that will enter into the target-killing effectiveness term, K,

Taking a mixture of ground defences and fighter defences, it seems that the improved survivability due
to drag reductions could plausibly be represented by &21.25.

If the option were taken to use the reduced drag to range further over enemy territory (at the original
penetration speed) the situation would be guite different. Area coverage over cnemy territory goes up
sepsitively and with it the availability of targets: if the aircraft were based at half its datum radius
of action from the battle edge, the area coverage would be increased about 70%7. However, block time and
particularly the exposure to enemy defences (all at original speed, remember) go up. The latter effect
may worsen survivability by about 1.8 at wmaximum range. When the bombs are gone, the aircraft benefits
from its extra agility and speed on the way home. The increased target availability and the worsened
aircraft survivability at the maximum increased range seem to balance out and leave the airtfurce about
as effvctive as the datum airforce. However, at lesser ranges (still above the maximum for the datum
aircraft) there remains an option to penetrate faster as well as cover more targets, so the average
availability term a is above unity.

Availability of stores (as denoted by s) is not, of course, dependent on the aerodynamics, but it is
relevant to introduce the term here. It has been stated by senior officers that NATO forces lose 307 to
507 of potential effectiveness through lack of interchangeability, and bomb racks were singled out for
comment. Furthermore, many existing racks are very old, and suffering from corrosion and fatigue. It
will also be argued that the qualities shared by most current racks are excessive drag and inaccurate
release trajectory. It follows that if the NATO airforces were re-equipped with racks that would admit
interchangeability of stores, the benefit would correspond with a factor (s) between 1.4 and 2.0.

The target-killing effectiveness (K) is affected by store aerodynamics on two main counts: the .ining
accuracy of the aircraft, and the disturbances to the release trajectory.

The aiming accuracy of the aircraft can be affected by buffet (perhaps due to local underwing

separations, or perhaps a change in the stalling pattern on the upper surface), or by changes of stability
and controllability (mostly due to changes in downwash pattern at the tail) or more generally by the
excessive drag (which may make the pilot think: "with that load aboard, the aircraft manceuvres with the
agility of an old cow"). There is, indeed, a famous supersonic alrcraft (when clean) that has been
described thus when carrying a big load of external! bombs!

Even if the aircraft can be pointed in time in the right direction, there are often severe disturbances
to the release trajectory due to the complicated and sensitive variations of airflow around the carriers
(particularly triple and multiple carriers). Bombs may go on wildly different trajectories (sometimes
damaging the aircraft) according to which station they were carried on, the speed and incidence, and the
setting of the ejector release unit. Furthermore the effective stiffness and inertia characteristics at
a varrier may vary wildly according to the number of bombs still carried. So after all the trouble and
expense involved in getting the aircraft to the target area, the bombs may scatter widely, and even

“she «t' Gewn *he parent aircraft!

The number of variables involved can be large, and flight testing is extremely expensive, so important
areas of techniques have been under development both in wind tunnels and computational fluid dynamics.
An important group comprises various two-sting rig techniques (where the store is moved on a separate
sting through the aircraft flow field).

Frobably the newest wind-tunnel technique is that known as the Accelerated-Model Rig (AMR), which is now
in regular use in the pressurised wind-tunnel of British Aerospace at Brough (Fig. 4). 1In this, the main
error of "light model" jettisons is corrected by accelerating the aircraft model upwards away from the
store, so that the store experiences the aircraft flow field for the right time and distance. This
technique thus combines accuracy with quickness, for little more cost than light-model jettisons.

. " . /

Figure 4 ACCELERATED-MODEL RIG
IN THE PRESSURISED
WIND TUNNEL AT BROUGH
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Developing and applying the various techniques for store jettison predictions has absorbed a significant
fraction of the thin slice of money allocated to R & D, but they save far more money from the flight test
programmes. For example, two-sting rig techniques saved $16M on the A-7D programme.

At a more fundamental level, it is known that wing-mounted multiple-store carriers introduce many
variables and penalties not found with conformal carriage under the fuselage. Unfortunately, it is not
always possible to carry storesconformally. In general, it is clear that store release aerodynamics gives
scope for many different advances in value.

Targets, weapons and aircraft vary so much that it is hardly possible to typify the effects. As an
arbitrary illustration, consider a small target that needs a direct hit, being attacked with iron bombs.
If redesigned carriers reduced the length and width of the mean scatter pattern by 147, the probability of
a direct hit would be increased by a factor of 1.3 and (at least for such targets) the effectiveness
value would be multiplied by that factor. It seems likely that the scatter pattern could be improved
more than this. Release disturbances may also affect guided weapons, for loss of "lock-on" has sometimes
occurred under severe disturbances. For lack of a statistically weighted assessment, I will take the
arbitrary factor K=1.3 as a guide to the value of improvements to release trajectories.

Now we can summarize the overall effects of the various tactors discussed above. We have assessed them as
follows:~

Warload transport rate W & 1.04 (factor sortie rate)
Aircraft availability a % 1.25 (improved survivability)
Stores availability s 2 1.4 to 2.0 (interchangeability etc.)
Kill efficiency K = 1.3 (trajectory accuracy)

While all other factors remain unaffected, at about unity.

The product of the aerodynamic terms alone (i.e. excluding S) comes to about 1.7, and the stores
availability term brings the overall factor on value to between 2.36 and 3.38. Thus, if the datum value
(@) of the airforce were taken as $5B, the aerodynamic improvements alone would be worth an additional
$3.45B - which is perhaps 6 times the total purchase cost of all the stores. When the benefits of store
interchangeability and improved rack logistics are included, the total improvement of value ranges from
around $7B to $12B, for the small airforce considered. These are useful contributions, and I would
happily accept a commission of 0.1% on them! So much for the benefits that would arise on an existing
aircraft.

2) Example of new aircraft, on the drawing board

If we have a prcject on the drawing board, and we are presented with improved stores, we can choose
various ways to adapt the design to take advantage of the reduced drag and other benefits.

One way would be to shrink both the airframe and the engine to maintain the datum performance and agility,
and cheapen the aircraft by making it smaller. Then we finish with our "shrunk" aircraft having equal
"old-cow-like" agility to the original, but with slightly less cost - but we would still have the improved
weapon delivery accuracy and stores availability. Probably we may finish with aircraft 4% or 57 lighter
than datum, costing perhaps 14%Z less to buy, and using about 10Z less fuel. Overall, we would have saved
about 2% of the cost of the datum airforce, while relinquishing the 307 improvement in value that would
have stemmed from extra agility and survivability. So this is not the best way to go.

The better way (and usually the more practical choice) is to leave the engine alone, and take advantage of
the store-drag reduction to shrink the airframe. This way, we further improve the agility and consequently
the survivability - as well as saving a trifle on the costs.

Some rough figuring suggests that the combat mass would be reduced about 0.87% from that of the original
aircraft when carrying the low-drag store array, and the specific excess power would be improved as much.
The penetration speed hardly increases, but the survivability in air combat improves perceptibly (partly
on account of the smaller aircraft size being harder to detect). The effect on value is small-probably
raising a to about 1.26. The reduction in cost also is small: about 0.25% off the cost of the aircraft
and spares, or 0.087 off the life-cycle cost of the airforce - a saving of around $4M.

CONCLUSIONS

By examining the value of aerodynamic improvements to stores, we have seen that there are two areas where
extremely large improvements can be made:

1) low drag can lead to greatly increased survivability, and 2) more predictable store trajectory can
greatly improve the target-killing effectiveness, and also save substantial costs from flight test
programmes.

A programme of fitting better stores and carriers could greatly increase the availability of stores in
action, - the value exceeding the cost by perhaps two orders of magnitude.

The benefits obtained by reducing airforce costs tend to be small compared with those due to increased
effectiveness value.

It is worth remarking that we have not considered store mass here, but there are benefits to come from
reduced total mass.

Reference
1. C.%E Bore (Ed.) Unpublished AGARD report (1977)
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SUMMARY

External store installations are frequently a source of considerable adverse aerodynamic interference
giving large increases ia drag, reductions in usable lift and poor store release characteristics. Research
has however shown how this adverse interference can be greatly alleviated or even transformed into
favourable interference. This paper reviews some of the available evidence for a wide variety of
arrangements. The nature of the interference, both adverse and favourable, is described, particular
emphasis being placed on the major adverse interference in standard multiple carriers and in some underwing
installations. The possible benefits of wing tip carriage and carefully arranged underfuselage arrays are
\ noted. Throughout, stress is laid on the fact that dramatic improvements might be possible by adopting a

radical approach to store carriage.

I. INTRODUCTION

This conference is concerned with aerodynamic interference. A leading question is: how can we design
to minimise adverse aerodynamic interference and to exploit favourable interference? Nowhere is this more
important than when we are considering external store installations on military combat aircraft. This is
self-evident: one only has to look at any photograph, eg Fig la, of a combat aircraft on show at a flight
display. It is surrounded by a vast number of different stores which typically have to be carried in many
alternative arrangements below the wing, above the wing, at the wing tips or below the fuselage. As Pugh
has observed in a recent lecture, (1), they are the 'raison d'étre' for the aircraft. Pugh also noted that
even a photograph does not tell the full story. Fig Ib contrasts the true geometric view of a hypothetical
aircraft with a heavy load of guided weapons and an 'aerodynamic view' in which the frontal area of each
item has been scaled up in proportion to its contribution to the total drag. The message is clear and
Fig lc which compares the drag increment due to two standard triple carriers loaded with Mk 10 454 kg bombs
and mounted underwing with the drag of the parent clean aircraft (2), is typical of many others that could
be quoted. This figure also illustrates that it is not simply a question of there being a large number of
stores: the drag increment of the two fully loaded carriers is far greater than 6 times the free air drag
of a single Mk 10 bomb/pylon tested in isolation. Clearly, the interference within the carrier, and between
the store installaticn and the aircraft wing has greatly increased the drag increment by a factor which
increases progressively with Mach number. Above M = 0.75, the drag increment - just to carry 6 stores - is
greater than the drag of the clean aircraft: a poor result when one considers that the clean aircraft has
been designed to achieve a drag-rise Mach number of more than M = 0.85. Fig ld presents ancther example
frequently quoted in the literature (2,3); it is based on model test data for the F-4 in the AEDC 4ft
tunnel and shows that the F-4 is only estimated to achieve M = 1.3 when carrying 12 x Mk 82 bombs on a
multiple earrier (MER) underfuselage and 2 triple carriers (TER) underwing as compared with M = 2.1 at
a higher altitude for the datum aircraft.

Standard external store installations are therefore fertile ground for serious aerodynamic interference.
In late 1974, the AGARD FD Panel set up a Working Party to consider 'Drag and Other Aerodynamic Effects of
External Stores'. The group reported (4) in late 1977 and much of the material in the present paper is
taken from the chapter on 'Drag’' in the Group Report. Wherever possible, however, the evidence has been
updated and extended. In particular, the scope of the paper has been widened to cover more than drag
because high drag is only one possible manifestation of aerodynamic interference. Reference will be made
to the effects of the stores on the flow field, aircraft stability, usable lift and buffet boundaries and
the store load and release characteristics. One aim of the paper will be to demonstrate that by
alleviating adverse interference and by reducing the viscous effects and improving the quality of the flow,
one should be able not merely to decrease the drag but to reduce other loads or at least make the
characteristics more predictable and repeatable - a very important aim when considering store release.

2. EXAMPLES OF ADVERSE AND FAVOURABLE INTERFERENCE

Let us start by tabling some typical examples of the interference drag that can arise with standard
equipment and standard store arrangements. First, Fig 2a gives an idea of the extra drag due to interference
within a triple carrier. Tests were made in the ARA 9ft x 8ft transonic tunnel on 1/4 scale models of a
standard triple carrier loaded with Mk 10 454 kg bombs and mounted on two different pylon/adaptor
arrangements (2,4,5). It will be seen that the drag increment due to adding a single bomb increases
progressively with the number of bombs that are already present. If one defines a low speed assembly drag
factor as the ratio of the measured drag at M = 0.4 to the sum of the measured drags of the components in
isolation, one obtains values ranging from 1.19 for the carrier with a single bomb up to 1.75 for the fullv
loaded carrier with pylon/adaptor A. At high Mach numbers, eg M = 0.9, the analysis of the data for A
suggested that the interference drag due to adding a shoulder bomb expressed as a percentage of the drag of
a single pylon-mounted bomb increases from about 607 when it is the first bomb to about 3007 for the second
and to about 4007 when it is the last bomb to be added to the carrier. The figure also demonstrates that
the results depend considerably on the details of the pylon/adaptor design. At first sight, it mav seem
strange that apparently, the changes in pylon/adaptor have most effect on the drag increment due to adding
the battom bomb to the carrier but the explanation of this apparent anomaly lies in the fact that the pvlon/
adaptor evidently has more effect on the complex, highly viscous flow situation when 3 bombs are present.
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For a twin arrangement, one would predict that in inviscid flow, there would be high suctions on the side

of the bombs and hence, an attractive force between the stores, modified in the real flow by compressibility
and viscous effects. With the triple, the viscous effects are more dominant and tests (and in particular,
store release tests) have shown that there is often a repelling or explosive force between the stores. The
complex flow over the stores in the fully loaded triple carrier is illustrated by the photogranhs in Fig Za.
These show the flow with pylon/adaptor A at M = 0.75; the photographs were taken after the tunnel run and

! for the two lower pictures, the bottom bomb was removed to show the oil flow patterns in the channel formed
F by the 3 bombs and carrier body. For a bomb in isolation, one would predict two peak suctions near the
!
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shoulder between forebody and centre parallel section, and near the start of the afterbody. Adverse
pressure gradients and reduced surface shear stress would be expected on the centre-body and this is
supported by the appearance of the oil flow pattern on the outer side of the shoulder bomb. It is of course
the flow in the channel and its consequences over the rear of the bombs that is of most interest. The flow
diverts away from the small passage between the bombs and the CBTE body and it will be seen that near the
nose/parallel centre-body junction, the combination of high sideflow angles and high local velocities result
in a local shock-induced separation. The effects of these separations convect downstream in the channel to
produce very extensive separations and/or rolled up vortex flows over the rear of the bombs. The presence
of the ERU forward crutching arms does not help: they are clearly in an ideal location to induce a large
area of separated flow over the top and inside surfaces of the shoulder bomb afterbodies. The top and inner
fins of the shoulder bomb and the top fins of the bottom bomb are apparently immersed in a highly confused
wake. Standard multiple carriers are therefore a potent source of adverse aerodynamic interference likely
to give major increases in drag as shown in Fig 2a and poor release characteristics. Fortunately, these

ill effects can be greatly reduced by improving the aerodynamic cleanliness of the carrier body and mounting
assembly and by repositioning the stores - I will return to this theme later in the paper.

Turning to the interference between store installations and the parent aircraft, Fig 2b illustrates
the interference that can arise with underwing pylon-mounted stores (one store per pylon, no multiple
carriers). It should be noted that in Fig 2b, the ordinate is the drag per store, ie for the case where
there were 3 stores per wing on separate pylons, the graph shows 1/6 x the total drag increment for the
stores/pylon combinations. The results are for Cp = 0 and refer to Mk 10 454 kg bombs mounted on wing A
(see §3). Admittedly, results for CpL > 0 would be less dramatic but on the other hand, results for other
wings, eg wing B: see Fig 5, could be more serious: hence, it is fair to suggest that Fig 2b is a typical
picture. Once again, serious adverse interference is evident, particularly at high subsonic speeds. If
expressed as installation drag factors, the values reach about 5 at M = 0.9. It will be seen later in the
paper that rather than quoting installation factors, it is probably more sensible to relate such results
to the drag characteristics of the clean aircraft. A single pylon-mounted store per wing degrades the
drag-rise Mach number of the combination; a multiple arrangement with say, 3 pylon-mounted stores
completely modifies the nature of the flow over the wing lower surface and introduces a significant drag
creep ahead of the steep drag rise.

Mounting stores below a wing designed without regard to the consequences of store carriage can
therefore lead to serious adverse interference. Mounting the stores in arrays under the fuselage can
however lead to favourable interference as illustrated in Fig 2c. The upper picture has been used in
several earlier papers (4,5). 1t shows the results of tests in the ARA transonic tunnel in which 4 rows of
5 small stores with flat bases were mounted on a pallet below a flat-bottomed fuselage. Above about
M = 0.92, the total drag increment for the 20 stores is smaller than the increment for a single row of 5
stores: to reiterate, the total drag increment and not just the drag per store! It is clear that favourable
tandem effects are sufficient to offset the adverse effects due to the side-by-side carriage. However, it
may be argued that this very favourable result is simply due to the fact that the; are small stores mounted
tangentially and mostly immersed in the boundary layer. However, it is certainly fair to compare the lower
picture in Fig 2c with Fig 2b. This lower picture was based on more recent evidence from tests in the RAE
8ft x 6ft tunnel on an array of 6 large boattailed stores, again mounted tangentially on a pallet below an
aircraft fuselage. Even in this case where the stores are much larger in relation to the size of the
aircraft, the drag increment for the array consisting of 3 rows of 2 stores is generally, particularly at
high Mach number, less than the sum of the free air drag of the stores in isolation. Favourable interference
is thus a genuine possibility and in the AGARD Working Party report (4), other examples are to be found,
often interpreted in terms of the stores having produced a better longitudinal distribution of cross-
sectional area for the complete configuration.

Having now set the scene, let us look in more detail at the sources of interference and the
possibilities for improving the store layouts.

3. UNDERWING FUEL TAMKS AT LOW Cy

It seems appropriate to start the detailed discussion by considering the interference effects due to
the carriage of external fuel tanks. A fuel tank is the simplest and probably the cleanest type of store.
Fuel tanks are generally carried on pylons below the wing or fuselage. It is far more efficient to carry
them under the fuselage. For example, in model tests (6) at AEDC for the F-4C, it was found that carrying
fuel in a 2264 litre (600 gal) tank under the fuselage was more than 4 times as efficient at M = 0.7 and
almost 3 times as efficient at M = 0.9 as carryiasg fuel in 1396 litre (370 gal) tanks under the wing,
efficiency being defined as the ratio of fuel capacity divided by the installed drag. Nevertheless, on
many aircraft there are practical reasons why the fuel tanks have to be carried underwing and Fig 3a
presents results for 15 different aircraft/fuel tank combinations. In all cases the tanks were pylon-
mounted under the wing near mid-semi-span; except for the curves marked A and B, this figure was included
in the Working Party report (4). The graph shows the variation with Mach number at C; =~ 0 of a 'figure-of-
merit' or inverse efficiency,

3, = Measured installed drag increment (or drag in isolation)
Estimated profile drag for tank/pylon at low Mach number

ie assuming the estimate in the denominator is correct, Ay = 1.0 implies zero net
drag contributions from flow geparations, base drag, bluffness drag, excrescence
) drag, wave drag and interference within the assembly and between the assembly
] and the aircraft.




The results for a typical fuel tank in isolation are included for comparison. The figure clearly
illustrates that most of the drag increment is related to the installation interference effects. For the
tank in isolation, A\ is less than 1.} up to M = 0.94 but for the installed tank assemblies, values of iy
ranging from 1.2 to 3.5 are obtained even at M = 0.6; rapid increases in i| with Mach number are already
occurring at M = 0.6 in the worst case but not to beyond M = 0.86 in the best case. At first sight, it may
appear an impossible task to predict or interpret this figure but certain trends can be deduced. First and
foremost, as shown in Fig 3b, there is a trend for both Ay at M = 0.6 and Mpg., the Mach number for the start
of the rapid increase in ', te improve in sympathy with the drag-rise Mach number Mp of the clean wing.
This is only to be expecteu: an increase in Mp will generally imply a reduction in wing thickness/chord
ratio and/or an increase 1n wing sweepback and thus, a reduction in the suctions below the wing lower surface
and a later appearance of 4 rhock wave in the channel between the wing and tank. Research has shown that
the appearance of this shov!. wave generally collates with Mpg. With tanks of a standard shape, therefore,
it may be difficult to obrain notably better results than those implied by the dashed lines in Fig 3b but
the significant point is (hat there are a fair number of installations where the interference is such that
the results do not approacy this norm.

Let us consider two of these examples. First, Fig 3c compares configurations 6 and 11. This is
discussed in detail in Ref 5. For both cases, the installed drag values for C; = O lie above the norm,
Figs 3a,b, but the excess is far greater for case 6; even at Cp, = 0.4 where one would expect some
improvement, the results are still poor. Looking at the geometry, it will be seen that in case 6, the tank
is larger relative to the aircraft. Partly because the pylon is relatively thin (7% thick compared with
137 thick for case 11), the crutch arms are exposed and unfaired. A simple estimate suggests that the drag
of these crutcii arms treated as isolated excrescences would be about the same as the extra drag of the
thicker pylon in case 1] but it has generally been found that such excrescences can induce serious
interference if the flow downstream of the excrescences encounters a region of high adverse pressure
gradient. This would be true in the present case. The major weakness however with configuration 6, is the
rapidly diverging channel at the rear. All three surfaces, ie wing, pylon and tank contribute to this
divergence. One could say that the installation could not have been tailored better to produce a shock
across the channel at a relatively low Mach number, or to produce a flow separation on one or all of the
rear surfaces! Extra viscous drag and early wave drag are therefore only to be expected. Fig 3¢ shows =z
revised configuration for which the interference would be expected to be less; the A} curve for this rsvised
configuration is a speculative estimate: no tests have been made on this layout.

Second, Fig 3d presents a comparison between cases A and B. These results are for the same tank u-unted
on the same pylon at the same spanwise position on two wings A and B of the same planform but which difrer in
sectiou shape. The section of wing B is thicker and is designed to give more rear loading. Strictly, the
results for A and B are not comparable with the other cases in Fig 3a because two additional bare pylons
were present on the inner and outer wing and thus it is probable that the values of iy have been increased
by the aerodynamic interference between the tank/pylon and these other pylons. However, it is still fair
to compare A and B and Figs 3a,b show that the values of A1 and Mp, are much poorer for wing B. These
differences can be explained qualitatively in terms of the measured pressure distributions over the wing
lower surface. These are shown in Fig 3d for M = 0.80 for a station at 0.4 x semi-span, ie inboard of the
tank. These distributions can be described as follows:

A B
Clean wing Subcritical Subcritical
Wing with 3 pylons Subcritical Strong shock, no separation
Wing with 3 pylons and tank Strong shock, Shock-induced separation

no separation

*
Indicated by the lower pressures downstream of the shock relative to the other cases and by the partial
collapse of the supersonic region ahead of the shock.

One can therefore forecast from the pressure distributions that both the wave drag and the viscous
drag will be higher with the tank mounted on wing B. The greater interference for a given Mach number and
Cp, is a consequence of the different pressure distributions over the clean wings. The significant features
are that near 0.35c the suctions are about 70Z higher on wing B than on wing A and that the subsequent
adverse pressure gradient is about twice as great.

It would be wrong to conclude however that the greater interference with wing B is an inevitable
consequence of attempting to carry the tank on a more advanced, thicker wing. For example, as with
configuration 6 in Fig 3c, one could either

(i) move the tank forward or aft in an attempt to separate longitudinally the peak suctions on the
wing and the tank,

or (ii) change the shape of the tank to one with a parallel centre section opposite the peak suction on
the wing,

or (iii) reshape the rear of the tank with either a longer, less tapered boattail or a raised upper line,
ie a banana-gshape tank,

or (iv) modify the pylon design,

or (v) change the wing camber-line to produce a more suitable shape of lower surface pressure distribution.

It is worth noting that concept (ii) was introduced more than 30 years ago on an early jet fighter to
eliminate flow separation and buffeting problems that had resulted from the underwing carriage of a tank
having a continuous longitudinal variation in cross-sectional area. The problem was solved by changing the
tank shape to one with a forward, parallel mid and tapered aft section mounted in such a position that the
peak suctions at the junctions between the three sections were displaced fore and aft of the peak suction
in the clean wing flow field. Now, when the need for care in eliminating adverse interference is even
greater with modern wing designs, the concept is rarely used. This is not true of configuration 6 discussed
above but in this case, for practical reasons, the concept was misapplied as will be realised from the
sketch in Fig 3c. Logistically, it may be unattractive to think in terms of a different tank shape for
different aircraft and to some extont, one could argue that (i-iv) should be regarded as palliatives for a
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situation that should not have arisen. The real lesson - and this will become even clearer in §5 below -
is that wings should be designed with store carriage in mind from the outset. At the very least, one should
design a wing/pylon combination rather than a clean wing.

4. UNDERWING STORES: FACTORS AFFECTING INTERFERENCE DRAG AT LOW (i
4.1. Store Shape

It should be apparent from the discussion of the fuel tark examples in Fig 3 that the aerodynamic
interference with underwing mounted stores is likely to be proportionately more serious for clean
streamlined stores than for parallel or dirty stores. Even relatively small changes to the shape of the
store can have a significant effect on the interference. This is shown by the comparison in Fig 4a. Two
alternative stores X and Y were mounted (8) on wing A, Fig 3d, on the same underwing pylon at 0.55 x semi-
span. The two stores have about the same overall dimensions but a somewhat different shape, store Y having
a bluffer nose, a longer parallel centre section and a shorter boattail. The free air drag and indeed, the
installed drag increment was much greater for store Y but as shown in Fig 4a, the interference contribution
ACp; to the drag increment,

1e 8Cp; = CDjngcatled ~ “Disolated T

is generally somewhat less for store Y, particularly in the range M = 0.80 - 0.85. There are two possible
qualitative interpretations of this result. Either it is an example of a general trend that when the store
shape is such that there is poor flow over the store afterbody even under free-air conditions, there is less
chance that the interference with the wing flow field will further degrade the flow over the afterbody. Or
the shape and position of store X are such that the interference increases the wing wave and/or viscous
drag. Oil flow patterns for M = 0.85, Cp, = 0 suggested that the second interpretation is more likely in
this case. The main features of these flow patterns are reproduced in the sketch in Fig 4a:

(i) with store Y, the shock is further aft - consistent with the position of the start of the
afterbody,

(ii) with store X, the sweepback of the shock both outboard and inboard of the store is somewhat
less than with store Y,

and (iii) with store X, the change in flow directior through the shock is notably more acute, thus
implying a stronger shock.

It is tnought that (iii) is the dominant factor.
This comparison has been included to act as a warning against naive use of interference drag
factors and to encourage the hope that by attention to detail and with the benefit of the theoretical

calculations that will be possible in the future, adverse interference can be alleviated.

4.2. Store Depth below the Wing

Various investigations, eg Refs 5,9,10,11 have specifically considered the effects of the vertical
position of a store below the wing. All have confirmed that this can be an important parameter but it is
difficult to draw simple generalised conclusions. When the flow is entirely subcritical, an increase in the
length and hence, surface area of the pylon will increase the pylon profile drag but will generallv tend to
reduce the interference drag. There is however a fair amount of evidence indicating that when the flow is
supercritical the adverse interference first increases with store depth before it starts to decrease. Oil
flow tests and pressure plotting measurements have shown that with a longer pylon, the flow separations in
the wing~pylon junctions can be less severe. The channel between wing and pylon is therefore less
constricted and the flow can expand to a higher local Mach number. The shock as well as being longer in
extent, is stronger and there are inherefore two reasons why the wave drag is increased.

An example of the effect of store depth is shown by the drag results in Fig 4b. A missile-tvpe
store was mounted at two vertical positions below the wing of a 25° sweptback wing research model in the
ARA transonic tunnel (11). At low Mach number, at both Cp = 0 and 0.3, the drag increment was higher with

H/D = 0.88 than with H/D = 1.23, thus showing that in this particular case, the reduction in interference
as the store and wing were moved apart more than offset the extra pylon profile drag. Above M = 0.75,
however, the drag increment increased with Mach number more rapidly with H/D = 1.25, thus supporting the

hypothesis of extra wave drag when the wing and store are further apart.

Quantitative.v, the results could well be different with other stores on other wings and the
correct choice of pylon 'ength will depend on the aircraft requirements. It seems possible that in many
cases, a compromise wil' have to be made between a short pylon to improve the dash capability with bare
pylons and a long pylon to minimise the drag and usable lift penalties at high C; (a point not illustrated
in this paper).

4.3. Spacing of Pylons across the Span

In 5§83, 4.1, 4.2 we have been concerned with the carriage of a single store per wing panel. 1In
practice, however, it is likely that current and future aircraft will be designed to carry a heaw store
load requiring 2, 3 or even as many as 5 pylons per side. Tests have been made (8) to show whether the
drag increments for a 3-pylon load of 3 stores on wing A of the previous example are sensitive to the
spanwise spacing of the pylons. Three alternative spacings were compared, the widest and narrowest spacings
being indicated by the photographs of Fig 4c. The graph shows the variation with Mach number of 4(ACp;)

where A(ACD;) = (ACp;) - (acp;)

narrow w.de

and ACp: is do€in:d us in the example in §4.1.

The figure shows that as mi_.. have beer expected, bringing the stores closer together increases the
interference drag at low and moderate Mach numbers, the maximum changes being as much as A(ACp.) = 0.0030
or perhaps 15% of the drag of the clean aircraft. At high subsonic speeds, the trend begius to reverse
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until ultimately, the drag increment is less with the narrow spacing. The Mach number for the crossover
increases with (.

The oil flow patterns in Fig 4c offer a partial explanation for the change in sign of A(ACp )
between low and high Mach number, eg between M = 0.75 and 0.80 at Cp = 0. Irrespective of the spacing, the
main feature of these flow patterns is the near-unswept shock below the wing between the pylons. With t «
narrow spacing, this quasi-one~dimensional flow is already established at M = 0.75 with the terminal shoca
and flow separations behind the shock extending from one pylon to the next. With the wide spacing, this tvpe
ot pattern does not become fully established until M = 0,80 but then, the shock waves in the wider pullies
between the stores appear to be stronger. The pictures therefore help to explain why 20 increases more
rapidly above M = 0.75 with the wide spacing, the increase being sufficient to give higher «(p; than with
tiw narrow spacing above M = 0.80. There is an obvious similarity between these effects of spacing and
the effects of store depth as already described.

For configurations of the type discussed here, store spacing is clearly a significant varameter;
the optimum value would degend on the aircraft operating requirements. It is possible huwever t . envisage
how the adverse interference, ie the values of ACp; might be reduced by either changes in pvlon design or
store relative longitudinal position, ie store stagger. In the present case, the pvlons were of imple
design with symmetrical slab-sided sections; the shocks between the pylons tended to be unswept be ause
they extended from the peak suction on the outboard side of the inner pylon (aft of its maximum thi kness)

to the peak suction on the inboard side of the outer pylon (ahead of its maximum thickness): change. 1n
design might improve the shock sweep. The store longitudinal positions were chosen with the aim of
minimising the c.g. shifts for partial and full store loads: these considerations may be less vital in the
future with the advent of active controls and acceptance of relaxed stability.

4.4. Effect of Wing Design: Multiple Carriage on Separate Pylons

The influence of wing design has alveady been discussed in §3 with reference to the drag
increments for an underwing tank installation on wings A and B (same planform, different sections).
Comparative tests were also made (7) on these wingswith three stores of ship. Y mounted on three separate
pylons. Results and oil flow patterns from these tests are presented in Fig 5. The upper graphs compa.e
the Cp - M variation for Cy, = 0.2 for (a) the clean wings, (b) the wings with 3 bare pylons per wing and
{c) the fully loaded configurations. It should be noted that the false zeros on the ordinate scales have
been staggered by amounts corresponding to the estimated low speed profile drag of respectively, the
pylons and the pylonsplus stores: in other words, if there were no interference drag, the three pairs of
curves would start at low Mach number at the same levels.

The addition of the pylons and then the stores reduces the drag-rise Mach number and by
implication, the penetration speed by significant amounts, at least 0.1 in Mach number. This is only to
be expected and to some extent at least, is an inevitable consequence of carrying a heavy store load
underwing in what has generally been accepted as a 'standard' arrangement. In passing, it should be noted
that in this and succeeding sections up to §5.2, we are only concerned with the multiple carriage of stores
on separate pylons at different stations across the span. 'Standard' underwing carriage of a multiple
store load can in practice imply the use of a triple carrier, eg as on the F-4 Phantom, or a twin carrier
as on the Harrier but these cases are not considered here because of the difficulty of separating the
store-wing interference from the interference within the multiple carrier.

It is clear that the relative assessment of wings A and B depends on whether the pylons/stores
are fitted or not. Clean, the reduction in the Mach number for the steep drag-rise for wing B relative to
wing A is about AM = 0.035 but with pylons, it is as much as AM = 0.06 and with pylons/stores, about
AM = 0.055. The unexpected feature of these results is the striking effect of the bare pylons. This is a
significant conclusion because the aircraft will still be carrying its pylons on the return from the target
and hence this is a configuration that should if possible be optimised. Also, the shape of a pylon is
probably less sacrosanct - or less constrained by other factors - than the shape of most stores.

Fig 5 also shows the wing lower surface pressure distributions for stations at 0.60 and 0.72 x
semi-span on wing A and at 0.64 and 0.74 x semi-span on wing B, for Cy = 0.2, M = My. The stations are
betveen the middle and outer pylons, the outer stations being very close to the outer pylons. For the clean
wings, the flow is subcritical in both cases although it is significant that the values of (-Cp) near 0.3c
are almost twice as great for wing B as for wing A. Adding the pylons on wing A leads to a local supersonic
region inboard of the outer pylon while on wing B, this region appears to extend across the whole panel to
the middle pylon. Adding the stores produces a strong shock wave in the gully between the stores as already
seen in Fig 4c with poor flow behind the shock particularly on wing B. Near the outer pylon on wing B, the
separation is already sufficient to degrade the supersonic region; this is hardly surprising bearing in mind
that M = My, C; = 0.2 is far up the drag-rise for this configuration,

These pressure distributions do not however tell the full story. Fig 5 also contains photographs
of oil flow patterns for M = My, € = 0.2 for wings A and B with three bare pylons. Weak shocks and fairly
narrow pylon wakes are evident in the picture for wing A but generally, the flow is relatively well behaved
compared with wing B where there are substantial flow separations both inboard of the outer pylon and
downstream and outboard of the inner and middle pylons. These pictures suggest that the drag creep in the
results for wing B with bare pylons must be largely associated not with premature wave drag but with gross
viscous effects particularly downstream of the pylons.

The full assessments of wings A and B including factors not discussed here could still favour
wing B. It is a more advanced wirg with notable advantages in usable lift and fuel volume. In designing
wing B, it was accepted that there would be some loss in drag-rise Mach number at low Cp: a reduction of
0.03 was deemed acceptable. I! must be emphasised strongly that the fact that the reduction is about 0.06
with the pylons fitted does not destroy the concept of the advanced wing design. It merely shows that one
should design the wing-pylon and if possible, the wing-pylons~stores as an entity. The simple pylons that
were adequate on wing A are no longer acceptable on wing B. Aerodynamically, as isolated pylons, they were
respectable designs: 6.5% thick, symmetrical, slab-sided,elliptic nose, tapered aft section. Looking at
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the oil flow picture, however, it seems inconceivable that one would not be able to modify the pylon design
to reduce the viscous interference effects on the wing.

5. UNDERWING STORES: OTHER ASPECTS OF INTERFERENCE
5.1. Aircraft Stability and Usable Lift

If is of course self-evident that underwing stores will interfere with the flow over the wing
lower surface. Until recently, however, it has not been fully realised that the stores can modify the flow
over the wing upper surface and tha: this can have serious consequences, particularly when the flow is
supercritical. To start with a simple example, Fig 6 presents results from tests at M = 0.85 on a model of
an aircraft with a wing of moderate sweepback and moderate aspect ratio tested with and without two
underwing stores per wing. Fig 6a shows the wing upper surface pressure distribution for a station near
mid-semi-span and it will be seen that the addition of the stores increases the suctions in the supersonic
region and hence, the shock strength. Two factors can contribute to this interference: an increase in
upwash and an increase in local velocity. The shock strength is increased - but by varying amounts - across
the complete span and thus, the shock-induced separation leading to a forward movement of the shock occurs
at a lower incidence. This is shown in Figs 6b,c for stations at mid-semi-span and 0.85 x semi-span.
However, the important point is that these effects were not quite the same at all spanwise stations. The
differences appeared trivial at first sight but they were sufficient to modify the Cy - a variation as
shown in Fig 6d. The results for the clean wing were marginally acceptable; with stores, however, there
was an unacceptable pitch up. This is an aspect of store interference which is clearly very configuration-
dependent but it cannot be ignored when seeking to optimise the configuration.

The interference with the upper surface flow has more dramatic consequences at high C; near the
usable lift boundary. Two examples drawn from the results of the experiments (7) on wings A and B are
presented in Fig 7. First, at the top of the page, data from incidence traverses at a relatively high
subsonic Mach number, M = M, + 0.07, indicate serious adverse interference, eg on the lift break, by about
ACp, = ~0.05 for the bare pylons or ACy = -0.25 for the fully loaded case. Measured pressures are shown for
3 stations at 2 incidences. With and without pylon cases are compared at the same incidence. The
distributions show that as might be expected, some of the loss in break C; is due to the interference with
the lower surface flow which is still substantial even at this incidence, particularly near the outer pylon.
The significant point however is that the flow breakdown on the upper surface appears to occur at a lower
incidence: the deterioration between o = 4.9° and 6.7° at 0.64 and 0.73 x semi-span is certainly much more
rapid when the pylons are fitted. Once again, relatively small increases in shock strength have been
sufficient to provoke these differences. It is possible that these effects could have been averted or at
least postponed to a higher Mach number by moving the pylon-wing intersection further aft. The more
dramatic effect from fitting the stores is of somewhat academic interest because it is unlikely that the
fully loaded aircraft would have sufficient thrust to reach these conditions.

The results in the lower half of Fig 7 have been included to illustrate that the interference
effects of underwing pylons/stores on usable lift are not necessarily adverse. These results for M = M
again show a reduction in break C; from both the pylons and the stores but the subsequent reduction in
lift-curve slope is less and the development of the stall is then more progressive. Indeed, the very fact
that Jdu*a can be presented for the cases with pylons and with pylons/stores up to a high incidence is
itself significant because with the clean wing, the test could not be continued beyond the abrupt lift
break because of severe model bounce. Pressure distributions, with and without stores are compared for
two stations (between the middle and outer stores as in Fig 5) at three incidences, the lowest being near
separation-onset. It will be seen that stores off, there is a 1ift contribution from the forward
supersonic region at both stations at o = 8 and 9.5 followed by a collapse at both stations at
whereas stores on, the supersonic region has already completely collapsed at one but only one station at
3 = 9.5% in other words, an earlier but more progressive stall, stores on. This implies earlier buffet
onset but better buffet penetration. The presence of the pylons and the stores is tending to dictate the
manner in which the areas of separated flow extend with increasing incidence and as a result, the stall
development is likely to be less sensitive to other variables: for example, there is evidence from tests
on other wing designs that the presence of underwing stores can alleviate anv tendency to lateral problems
such as wing drop and wing rock. This statement would not however be true of everv wing design: examples
could be quoted where the exact opposite would apply.

X

ne

Speculatively and arguably, a wing design philosophy can be suggested that would exploit this
possible favourable interference of the pylons/stores on the stall development. Oae should desipn the
clean wing to carry as much lift as possible at buffet-onset; there is then the risk that the flow will
tend to break down all across the span at almost the same incidence; however, the addition of underwing
pylons (and stores) could then slightly degrade the stall onset but give the propressive breakdown that is
required for satisfactory flying qualities. This design philosophv has been set out in broad terms: to
follow it literally may not be possible with a given design at all Mach numbers. The interference from
the pylons/stores is probably due to their effect on the spanwise upwash distribution ahead of the swept
leading edge of the wing; the detailed e{fects cculd be modified by small changes in the ge..etry of the
wing~pylon leading edge junction.

5.2. Buffet at low Cj

As a, final contribution from the results of the tests (7) on wings A and B, Fig 8 presents
Cp - Cp, curves f~r M =M, and M = My + 0.07 for wing B with and without pylons/stores. It will be seen
that even at M = My, the stores are tending to provoke a buffet rcsponse at low positive CL while at
M= M, + 0.07, with stores, there is no Cp-range that can be described as being free from buffet and even
the bare pylons give significant buffet at low C;. Most modifications introduced to reduce the drag
increments should also tend to alleviate the buffet.

* Cu = tuned rms wing root strain
B dynamic pressure




5.3. Flow Fields: Store Loads and Release

Various references, eg Ref 12, have concluded that for underwing stores, the flow field about the
aircraft with stores may be the most important parameter affecting the store trajectory. Mathews in
Chapter 5 of Ref 4 notes that the flowfield is likely to vary with aircraft, store, store position, adjacent
stores, flight conditions, and aircraft attitude. As an illustration, Fig 9 shows the velocity components
measured (13) in two lateral planes near the front and rear of 3 M-117 bombs on a TER on the inboard wing
station of an F-4 at M = 0.85. The flow survey was made with the stores present. There is much downwash
near the nose of the weapon on the bottom station and much upwash near the tail. This typical flowfield
produces an extremely large nose down aerodynamic pitching moment on large diameter stores, particularly at
higher Mach numbers and again to quote Mathews, 'has been found to result in unsatisfactory release
trajectories for many weapons.'

This example has introduced the confusion that was avoided when discussing the performan~~ data,
ie some of the interference is between the store installation and the wing and some would be present in the
flowfield around the TER in isolation. It will be suggested later that the latter could be alleviated by
repositioning the stores on the carrier but also, it is plausible to suggest that the changes in flow
direction in pitch would have been less if the stores had been mounted either further aft or further
forward: changes that would also probably have reduced the drag increments. Indeed, the important general
point is that any modification that reduces drag by eliminating or reducing the tendency for a strong shock
wave or major flow separation is also likely to reduce the sensitivity of the store loads to Cp, Mach
number and minor differences in geometry and fitting of individual stores. This should serve to make the
trajectories more predictable and repeatable: a worthwhile aim in itself.

6. WING TIP-MOUNTED STORES

Wing tip carriage is increasingly becoming a favoured option for carriage of slender missiles. There
may be practical reasons for this, eg a missile mounted well forward a* the tip will have a good
unobstructed field of view and it may be the best position to avoid ground clearance problems. However, on
many wings,it is also an attractive proposal aerodynamically and it certainly should be discussed in this
paper because it provides a prime example of favourable aerodynamic interference.

The AGARD FDP Working Party Report (4) included two examples (14,15) showing that wing-tip carriage of
external stores can reduce the lift-dependent drag. Fig 10 presents some results from a recent series of
tests which are of considerable interest because surface pressure measurements are available to help in the
interpretation of the favourable interference. Tests were made on a sweptback wing research model fitted
alternatively with a curved wing tip and with a cropped square-cut tip on which was mounted a model of a
missile and its launcher. The tests covered a wide range of Mach number but the results for M = 0.7
presented in Fig 10 are typical of those obtained at Mach numbers up to at least M = 0.9. They are non-
dimensionalised using the geometry of the wing with the square-cut tip. The drag increment at a given Cp,
from adding the missile and its launcher decreases with C; becoming negative above about C; = 0.3. A
prediction based on treating the missile and launcher as an effective extension of the span gives very good
agreement with the measured results up to quite high values of C;. This may suggest a very simple analogy
but a detailed study of the pressure distributions measured in these tests shows that this analogy does not
entirely represent the physics underlying the favourable interference.

Fig 10 shows that the reduction in the lift-dependent drag collates with an increase in lift at a
given incidence; some of this extra lift is generated on the missile itself but mostly, it is produced on
the outer wing as shwon by the local Cy values for the station at 0.95 x semi-span. Indeed, the local lift
acr this station is almost as great as for the wing with curved tip and is greater than would be predicted
on the effective span analogy. Further, the changes in chordwise loading at this station due to the
addition of the missile cannot be explained simply by a change in induced incidence. Comparison of the
results from the tests with and without the missile tail fins shows that some of the extra lift even at
this station some distance away from the fins is due to local interference between the fins and the rear
wing (increased suctions on the upper surface, increased pressures on the lower surface).

The results in Fig 10 and in the earlier comparisons (14,15) are for conventional tip-mounted
installations. It does not need much imagination to suggest that it might be possible to exploit the
favourable interference further by repositioning the missile. Winglet research is obviously relevant. Not
all the interference can be described as favourable: the increased adverse pressure gradients near the
leading edge on the upper surface near the wing tip-launcher junction at low Mach numbers and a further
forward shock position near the tip at higher Mach numbers could have adverse consequences particularly for
wings designed to stall progressively inwards from the extreme tip. However, with care, it should be
possible to avoid these local problems and thus reap the benefits of the favourable interference.

7. BASIC CONCEPTS FCi. FAVOURABLE INTERFERENCE (OR MINIMISING ADVERSE INTERFERENCE)

The discussion in §§3-6 has concerned wing-store interference. Let us now consider store-store
interference and the implications for carrier design and for multiple store arrangements, eg below the
fuselage. Three basic concepts (16) are available to reduce adverse or to produce favourable interference
viz

(i) increased lateral spacing of the stores,

(ii) longitudinal stagger between idjacent stores,

and (iii) tandem carriage of the stores.

Fig |1 presents results from tests in the 2ft x 1{ft tunnel at RAE Farnborough in which drag
measurements were made (17) on various arrays of stores mounted on 45° sweptback struts from the roof of
the tunnel. The pylon extended one store diameter from the roof and so the stores were positioned just
clear of the roof boundary layer; in effect, the stores were being tested close to a reflection plane
simulating the surface of a wing with zero thickness. Results are shown in Fig 11 for 2 types of store,
one with a pointed nose and the other with a hemispherical bluff nose. The results have been collapsed in
the form of three interference drag factors, viz




. Drag of row of 2 stores
KY 2 x drag of individual store

for a row of 2 stores at different lateral
spacings, Y,

K., = Drag of staggered row of 2 stores for a row of 2 stores at a given lateral spacing
st 2 x drag of individual store (0.25 calibres) but different longitudinal
stagger, Xg¢,

(ie with zero stagger, Ky, = Ky)

Drag of column of 2 stores for a column of 2 stores at different axial
KT' T T .
2 x drag of individual store separation, Xr.
The graphs in Fig 11 give an idea of what might be achieved ideally with these 3 basic concepts. It

should be noted that the actual values of Ky, Kg¢, Ky and their variation wtih Mach number depend
considerably on the shape of the store. Some of the main features of the results are described below.

7.1. Lateral Spacing

2 stores side-by-side at the close spacing (y = 0.015 calibres) typical of store carriage on
standard twin carriers clearly gives appreciable adverse interference: the values of K, increase from about
1.5 at low Mach number to maxima of 1.65 - 1.75 before decreasing to 1.3 - 1.4 at transonic speeds. The
maxima in these curves occur at a Mach number close to the drag-rise Mach number Mpg of tle individual
store if tested in isolation. Increased lateral spacing rapidly reduces the adverse interference at Mach
numbers below Mp,, the decrease with y at low speeds being predicted reasonably by the equation

0.42

Ky =1+ o5y /0.220)
where d = store diameter
and y' = minimum distance between the two stores

Abcve M = Mp_, the benefits of increased lateral spacing become less pronounced, the variation with y
tending to disappear first at low values of y. Near and above M = |, the changes in Ky with y only amount
to about 0.1.

When applying this concept to an actual twin or triple carrier, other factors intrude, eg an
increase in y will tend to give more surface area on the carrier body and will modify the interference
between the stores and this body. On a practical installation, the variation of D/q with y can therefore
be non-monotonic particularly at high subsonic speeds. This is yet another example of a phenomenon already
noted in other areas, viz if one widens a channel between two surfaces, one can reduce low speed viscous
interference but allow the supercritical flow to expand to a higher local Mach number, thus increasing the
wave drag. In general, however, for aircraft with a heavy store load, it is probably the results at Mach
numbers up to Mp, that are important and thus, increased lateral spacing should be helpful. 1In addition to
the reduction in drag, the increased lateral spacing should improve the release characteristics - less
tendency for a collision during release and more opportunity to use an optimum ejection angle. The possible
benefits on maximum store release speeds are shown in Fig 13 to be discussed in §7.3 below.

7.2. Store Stagger

A relatively small amount of stagger, eg Xgr = ! calibre is sufficient to displace the peak
suction regions near the shoulders of the store and Fig 1l shows that this can reduce the drag significantly,
particularly at Mach numbers near Mp_ . The values of Kg¢ for y = 0.25 calibres are then about 1.2 as
compared with maxima in the range 1.4 ~ 1.6 for stores with zero stagger. Having displaced the peak suction
regions, there is then little further change in drag until the forward shoulder of the rear store has moved
aft of the rear shoulder of the forward store. There is then a further reduction in Kgy, eg for Xg¢ = 4 and
6 calibres for the pointed nose store and Xgy = 6 calibres for the bluff nose store. Values of Kg¢ near
0.8 are then obtained at transonic speeds. The most sensible way of describing this result is to say that
the favourable interference to be expected (see below) from carrying staes in tandem can still be achieved
to some extent with store centres displaced laterally by 1.25 calibres.

Longitudinal stagger of the stores as a means of reducing the drag of loaded multiple carriers at
high subsonic and transonic speeds was being suggested (18) as early as 1966 and again at an AGARD FDP
conference (19) in 1973. Tests (4,5) on a 1/4 scale model of a standard triple carrier on the ARA isolated
store drag rig showed that staggering the bombs on the shoulder stations by 0.92 calibres forward and aft
of the bottom bomb reduced the drag by more than 207 at M = 0.9. These and other results have confirmed
that stagger can reduce the adverse interference in a practical installation. The benefits affect more
than just drag: forces and moments on both installed and released stores can be reduced, as illustrated in
Fig 12.

These results in Fig 12 are taken from tests (20) in which the close interference forces and
moments between two Mk 10 bombs mounted underwing on a standard twin carrier have been measured during
gsimulated release of the inboard 'free bomb'. Tests were made with the bombs mounted side-~by-side and
staggered fore-and-aft, by %1 calibre, the positive sign denoting that the inboard 'free bomb' is staggered
aft. Load measurements were made on the sting-mounted 'free bomb' and the carrier-mounted 'captive bomb'
and also pressures were measured on the lower surface of the carrier both along the carrier centre line
and above the 'free bomb' centre line. Results for M = 0.80 are presented in Fig 12. The pressure
distributions appearing above/below the bomb pictures were taken with the captive bomb respectively present
and absent; the free bomb was slightly below its installed position. The bottom graphs show the effect of
stagger on the variation of store pitching moment and yawing moment with vertical displacement of the free
bomb with and without the captive bomb present.

The pressure measurements on the carrier clearly show that store stagger is effective in reducing
the store-store and store-carrier interference. The shock strengths are reduced with both positive and
negative stagger, the highest peak local Mach numbers being M; = 1.41 (1.41) for side-by-side carriage,




M) = 1.30 (1.22) for positive stagger and M} = 1.26 (1.09) for negative stagger, the values in brackets
referring to the single bomb case.

Poor release characteristics are often diagnosed as being due to the magnitude of the aerodynamic
yawing moments and nose down pitching moments on the released stores and the results in the lower graphs
indicate that positive stagger should be very helpful in both respects. Note: with positive stagger,
moments for first bomb to be released are given by Xg, = 1, captive bomb present and for the second bomb by
Xgt = 0, no captive bomb.

Mathews in Ref 4 also quotes an example where staggering the stores on an MER was found to reduce
the installed pitching moments. He draws the conclusion that 'store staggering appears to offer considerable
potential for both drag reductions and store separation improvements and that additional research in this
area is highly recommended.'

7.3. Tandem Carriage

Returning to Fig 11, the bottom pair of graphs illustrate that carrying stores in tandem is a
powerful method of obtaining favourable interference, particularly with bluff-nose stores. If the stores
are virtually nose-to-tail, ie Xy = 0.005 calibres, the reduction in overall drag for a column of 2 stores
amounts to about 30% near M = 1.0 for the bluff nose and 20% for pointed nose stores: even at a separation
of 3 calibres, these figures are 20Z and 15Z. 1In inviscid subcritical flow, one would predict compensating
buoyancy effects decreasing the drag of the front store and increasing the drag of the aft store. The
actual measurements showed that with the stores close together, these opposing trends were present at
M < Mp_ but the increase in drag of the rear store was not sufficient to offset the reduction in drag of
the forward store. At high Mach number near M = 1.0, the drag of even the rear store could be less than
the drag of the store in isolation. Five mechanisms for drag reduction in a tandem arrangement were listed
in Ref 4, viz

(i) the rear store is in a stream of reduced mean dynamic pressure,

(ii) at very small spacings, the nose of the rear store is in an essentially dead-air region behind
the base of the forward store (this applies to stores with large effective base area),

(iii) the wake of the forward store can modify the flow separation characteristics from the nose of
a relatively bluff rear store,

(iv) the rear store is in a stream of reduced Mach number and thus, the onset of wave drag from
the rear store is delayed and also, the shock wave on the forward store is probably moved
forward thus reducing the wave drag of this store,

and (v) the longitudinal cross-sectional area distribution of the combination is better tban for the
forward or rear stores in isolation and thus, the wave drag at transonic speeds will be less.

Once again, the concept of tandem carriage is not new. Ref 4 quotes results obtained (18) in
1966 at CAL showing that the drag increments due to adding 3 stores to the rear station of an MER was
appreciably less than that from adding the first 3 stores to the empty carrier - by 157 at M = 0.8 or more
than 407 at M = 1.2. Drag results for tandem carriers (5) and for tandem arrangements (21) of stores under
a fuselage are also quoted in Ref 4: all show large drag reductions broadly consistent with Fig 11, the
improvements being frequently about 407 at transonic speeds and particularly noticeable for stores with a
completely bluff nose. Methods for the quantitative prediction of these effects are being developed.

In addition to the drag impcovements, tandem carriage can also lead to better release speeds.
Tests on a model of the Phantom showed that the store installed loads for tandem carriers were of the same
order as for a standard twin carrier; the moments were in fact somewhat smaller. Even with the same loads,
release from a tandem carrier could be preferable because sideways movement during release does not have to
be limited because of the proximity of an adjacent store as with a twin carrier.

A Schoch/Couvert analysis (22) was used (23) to forecast maximum safe release speeds on the basis
of the store loads measured for stores mounted on various different carriers on Phantom. It is believed (23)
that this simplified analysis yields a reasonable idea of the speed at which the release trajectories begin
to depart significantly from those observed at low speeds and that relatively at least, the estimates should
be reliable. The results are shown in bar chart form in Fig 13. It will be seen that compared with a
standard twin carrier, use of an improved twin carrier employing wider lateral spacing and some stagger
gave a 407 improvement in predicted release speed but the best results were obtained with a tandem carrier
where the increase was nearly 100%Z. In practice, of course, an increase of 1002 would not be possible
because the aircraft fully loaded would not be capable of flying at these speeds. In other words,
therefore, the results indicate that with tandem carriers, the release characteristics do not impose any
limitation on the safe release speeds.

The case for tandem carriage on grounds of drag and store release is therefore very strong and
the concept should be exploited whenever possible. 1t is appreciated that carrier flexibility, CG/stability
considerations can raise problems but it is hoped that the latter will be less serious on future aircraft
equipped with active control technology.

8. FEASIBLE DRAG IMPROVEMENTS FOR PRACTICAL STORE ARRANGEMENTS

Research in the UK over the past 8 years has shown that large improvements in the drag of multiple
external store arrangements are feasible. The improvements are achieved by judicious application of the
concepts discussed in §7 and by refining the general aercdynamic cleanliness of the assemblies, eg by
fairing of external sway braces. The reductions in drag imply less adverse interference, better flow,
weaker shocks, less extensive separations and so in many cases, the reductions in drag should be
accompanied by smaller installed loads and better and more predictable release characteristics. Figs
f4a-c,e,f illustrate the reductions in drag thought to be feasible; in all cases, present in-service
equipment is taken as the datum for comparison. In most cases the 'feasible improvements' are based on
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actual test data and are for arrangements that could be engineered in practice, eg the carriers were
designed to allow space for the ejector release units and are not idealised configurations.

8.1. Carriers

The scales of all the graphs are the same, the stores in all cases are Mk 10, 454 kg bombs. To
this extent, the results are specific but the gains are so large that hopefully, this is of little
consequence. Summarising the results for say, M = 0.85:

(i) the drag of the fully loaded triple carrier, Fig l4a, can be reduced to only about 33% of the
fully loaded standard CBTE. As a measure of the achievement, the drag of the feasible triple
carrier at this Mach number is only about 20% greater than the simple sum of the isolated drags
of three separate bombs and the empty carrier. Three bombs can be carried for less drag than a
single bomb on the present in-service triple carrier or two bombs on the present in-gervice
twin carrier,

(ii) the drag of the empty triple carrier, Fig 14b, can be reduced to less than 25% of the drag of
the empty standard triple carrier and in isolation, the drag-rise can be postponed to about
M = 0.98,

(iii) the drag of the loaded twin carrier, Fig l4c, can be reduced to less than 60Z of that of the
standard twin carrier of the type shown. Relative to the practice adopted on some aircraft
of carrying two stores on a standard triple carrier, the figure is less than 30%.

These figures are for carriers in isolation. The improvements may be even larger if the carrier
is mounted underwing but might not be as great if a number of carriers are installed close together
underfuselage (unless the whole array was then designed as a unit).

Many factors enter into the design of a good twin carrier. These include the lateral spacing of
the stores, the store ejection angle, the longitudinal stagger of the stores, the surface area, fineness
ratio and shape of the carrier itself. The standard twin carrier has a body in the form of a thick faired
plate of low aspect ratio but various other possible types of twin carrier can be envisaged as shown in
Fig 14d. 0il flow patterns (4) from 1/4 scale model tests at ARA have shown that with poor twin carrier
designs

(a) there can be considerable outflow over the bomb nose, rolling up to form a vortex over the top of
the bomb with a clearly defined secondary separation line,

(b) the flow diverts downwards and accelerates over the bomb nose leading to a shock in the entry to
the bomb-carrier passage, this shock being strong enough to induce a local flow separation,

(c) air is sucked through the gaps between the bombs and carrier body near and between the fixation
bolts, thus adding to the confused flow situation further aft.

With a good twin carrier design, however, these features are much less pronounced and indeed, the flow over
the bombs can appear to be relatively innocuous (4).

8.2. Underwing Stores

Fig l4e presents a similar in-service standard versus feasible comparison for the carriage of 3
store under a wing panel, ie 6 stores per aircraft. For the 'standard' arrangement, the stores are carried
on a standard triple carrier as on Phantom; an intermediate curve shows what might be achieved for the same
3 stores mounted on 3 separate pylons as in the arrangements discussed earlier in §§4,5. Fig l4e suggests
that at M = 0.85, for example, it would be feasible to reduce the drag to less than 657 of the value for
the simple arrangement on 3 separate pylons and less than 407 of that of the in-service arrangement using a
standard triple carrier.

The Mach number scale of this figure clearly depends on the model selected for the comparison.
It may be helpful to note that in the particular case shown in Fig l4e, Mp for the clean wing was about
M= 0.82.

8.3. Underfuselage Stores

Fig 14f presents a comparison for the multiple carriage of bombs underfuselage. In the standard
installation, the bombs are mounted on standard multiple carriers. The graph suggests that relative to
this datum, it should be possible to reduce the drag by about 40% and to achieve a drag increment at M = |.]
that is no greater than that for the standard arrangement at M = 0.9. At high subsonic and tramsonic
speeds, the forecast 'feasible' drag increment was less than the free air diag of the bomb in isolation,
ie it is possible to mount the stores in a closely packed array and obtain some overall favourable
interference. These are measured results; almost certainly, they could be improved further in a truly
conformal arrangement, (see §9 below).

It should be noted that the model chosen for this comparison is not the same as for the underwing
store comparison and to that extent, it may be misleading to present the two figures side-by-side.
Nevertheless, the implication that it is preferable to carry a heavy store load in arrays under the
fuselage rather than underwing can be accepted as a valid conclusion. Other examples supporting this
conclusion and drawn from US research (21,25) are to be found in Ref 4. Ideally, the stores should be
mounted tangentially (or semi-submerged if the penalties of empty cavities after the stores have been
dropped (25) can be minimised), in tandem with close longitudinal spacing, with due regard to the
longitudinal distribution of cross-sectional area for the complete configuration and with the ejector units
hidden within the fuselage or behind a specially devised pallet. We have therefore arrived at the theme of
conformal carriage which is clearly the prime approach for mounting stores in a way that will exploit
favourable aerodynamic interference.

x . . .
not necessarily under the fuselage; Ref 24 argues the case for a radical overfuselage installation.




9. CONFORMAL CARRIAGE

The aim with conformal carriage is to carry the external stores as closely as possible to the external
surface of the aircraft. The best way of accomplishing this is to either extend the curface of the aircraft
to meet the stores or to enclose the mounting racks within the aircraft so that the stores meet the surface.
The primary emphasis to date has been on fuselage mounted arrangements, the advantages of which have been
demonstrated in flight on at least the F-4 and F-15 aircraft in the United States. [t seems probable that
wing-mounted conformal arrangements could also be developed. To date, slipper tanks have been the only
common example of this approach.

It should be remembered that the conformal carriage concept has other major advantages apart from drag
reductions, eg it allows the use of bluff stores which would give unacceptable performance penalties if
mounted on external carriers but which one may wish to use for the sake of their desirable release and
trajectory characteristics and second, it allows the use of locations which may have a notable benefit on
the aircraft stability, control and handling qualities. Concentrating the loadings closer to the aircraft
rotational (stability) axes can improve the inertial qualities to the extent that an aircraft loaded with
stores behaves comparably with an unloaded aircraft, the major difference in 'feel' to the pilot being
merely that due to the greater vehicie weight. Various practical problems may however make conformal
carriage difficult to engineer on some aircraft; these problems are however outside the scope of the present
paper. The aim here is to highlight the performance benefits which show that conformal carriage can
'exploit favourable aerodynamic interference' to an outstanding extent.

9.1. F-4 Conformal Carriage Flight Demonstration (26)

Fig 15a shows the conformal carriage adaptor which was designed and fitted to the F-4 for the
flight test programme (27). 49 positions were available for mounting ejector racks including 3 rows of 4
racks side-Ly-side for any given store loading. The fairing over these racks provided a clean, smooth
installation on the undersurface of the fuselage. Tests were made with and without the forward fairing.
Both flight and tunnel tests showed that the subsonic drag of the F-4 with the conformal adaptor was less
than the drag of the clean aircraft. A similar result was obtained with the conformal fuel tank
installation (28), 'Fast Pack', on the F-15, which is described in §9.2 below and shown in Fig 16. It
would be easy to dismiss these as particular, coincidental results but in fact, it could be claimed that
they show the usefulness of the conformal arrangements in improving the aerodynamic cleanliness of the
overall configuration.

Some selected results from the flight test programme are shown in Figs 15b-e. For example,
Figs 15b,c give an idea of the likely performance benefits of conformal carriage for 12 x Mk 82 bombs, ie
a typical representative store load on the F-4 Phantom. It will be seen that at high altitude and Mach
numbers in the range 0.7 - 0.8, the reduction in specific range for this store load is only about 6% with
conformal carriage as compared with 207 with conventional carriage on a conventional TER/MER/TER
arrangement. This also implies a major fuel saving for a given mission. Even without the stores, ie on
the return flight, no extra fuel is needed to carry the empty conformal carrier as compared wtih 12% for
carrying the empty standard carriers. The figures for the low altitude condition are also impressive: the
reduction in specific range is 5% rather than 277 for the standard carriers and indeed, conformal carriage
of the 12 Mk 82 stores can be accomplished at nearly the same cost as operating the F-4 with conventional
carriers and no stores. Flying with the empty conformal adaptor at this altitude required 7% less fuel as
compared with the clean F-4 (no pylon or carriers)! The conventional arrangement could not be flown for
the acceleration flights but an estimated durve is shown for a conventional Mk 82 payload arrangement
showing that the maximum performance would then be barely supersonic whereas the conformal carriage
arrangement allowed operation at supersonic spedds over a wide range of altitude. Fig 15d shows the large
expansion of the flight envelope.

Fig 15e shows the performance achieved with conformal carriage of 2 types of bluff stores: full
details of the stores are given in Ref 4 but it is sufficient in the present paper merely to comment that
this is another potential advantage of conformal carriage: it enables one to carry compact arrays of bluff
stores which are likely to have superior store separation, trajectory and impact characteristics. To carry
these stores in any other fashion would produce very large incremental drags. The tests with the arrays of
bluff stores included an additional fairing installed on the forward ramp (Fig 15a) and store on, this
improved the performance. In operational practice, however, it would be necessary to either retract,
deflate or jettison the fairing after store release to avoid a significantdrag penalty. Amongst the many
conclusions that could be made from the results, one striking comparison worth quoting is that flying with
a compact array of 9N bluff stores (ordnance almost 407 greater than 12 Mk 82) gives a specific range at
low altitude greater than the clean F-4 up to a Mach number of 0.85.

The main conclusion (26) from the F-4 programme is that the performance advantages of conformal
carriage were convincingly demonstrated in both flight tests and in supporting wind tunnel tests. Obviously,
the precise quantitative results are a function of the aircraft design and it would not be possible on all
aircraft to devise retrospectively arrangements that would give such large performance advantages. However,
the results should provide the spur to design new aircraft with conformal carriage in mind from the outset.

9.2. F-15 Conformal Fast Pack Pallets

As a second example of conformal carriage, reference can be made to the prototype flight test
programme (28) undertaken by McDonnell Douglas Corp, which showed that two fuel pallets mounted in the wing-
fuselage junction of the F-15 as shown in Fig 16a could provide an additional 5808 litres fuel capacity
without undue compromise to the air superiority capability of the basic aircraft. Each pallet, or tank,
had a streamline shape designed with regard to the longitudinal cross-sectional area distribution of the
complete aircraft-tank combination. Fig 16a also illustrates that the conformal pallet could be used not
only for fuel storage but also to carry electronics, weapons or guns. Additional payload could be
tangentially attached externally: Fig 16b shows that the addition of the pallets reduced the subsonic drag
level and delayed the drag-rise; at supersonic speeds, it allowed the carriage of 5808 litres of fuel for a
drag increment that was only about 407 and 657 respectively of the drag increments for 4828 litres carried
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conventionally underwing or 6791 litres carried partly underwing and partly underfuselage: a major
achievement tully justifying the supgestion that on new aircraft in the future, the aim should be to design
with these radical ideas for store carriage in mind from the outset.

10.  CONCLUDING REMARKS

The two main aims of this paper have been first to describe the nature of the major adverse and
favourable aerodynamic interference encountered with external store installations and second, to present
some examples of the improvements that should be feasible. The main conclusions are as follows:

1. With existing external store arrangements, the drag increments can be very large and the release
characteristics can pose serious problems.

2. Research has already shown how major improvements could be achieved., Many of the proposals should
be feasible even on existing aircraft. Larger improvements should be possible on new aircraft
types provided the external store requirements are specified and borne in mind in the early

phases of the design.

3. To obtain the full benefit from advanced wing design, the wings should be designed with du
regard to store carriage. In particular, the wing/underwing pylons should be considered
together. If this is done, it should be possible to alleviate adverse interference at low
CL and to achieve some favourable interference on the flow breakdown at high Cy at moderate
and high subsonic speeds.

4, Research should be undertaken to exploit further the favourable interference possibilities
of wing tip carriage of slender missiles.

5. New multiple carriers and underfuselage arrays of stores should aim to exploit the concepts g
of tandem carriage and store stagger and should avoid very close lateral spacing of the stores.

6. For new aircraft, the complete configuration should be designed as an entity with due regard #
to its longitudinal c¢ross-sectional area distribution and with the stores mounted either in
conformal packages or from conformal pallets.

Research to date notably in the UK on multiple carriers and in the US on conformal carriage has
pointed the way. The theoretical methods now being developed and which form the subject of other papers
at this conference will provide the means, It is hoped that this paper will have helped to stiffen the
resolve to develop new radical approaches to store carriage.
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EVALUATION OF AIRCRAFT INTERFERENCE EFFECTS ON EXTERNAL STORES AT
SUBSONIC AND TRANSONIC SPEEDS

by

RONALD DESLANDES
MBB Unternehmensbereich Flugzeuge
8000 Miinchen 80 - Germany

SUMMARY

To analyse the separation behaviour of external stores from a combat air-
craft, the store loads must be evaluated at all times after release. The resulting
forces and moments are highly unsteady and depend upon:

e the non-uniform flowfield around the aircraft
e the store motion itself.

The exact evaluation of unsteady aerodynamics of such complicated confi-
gurations is nearly impossible, due to the required

® computer capacity
e cost effectiveness

Simplificating issumptions lead to the quasilinearization of the time depend-
ance to omit unsteady calculations and to the use of the flow angularity technique to
minimize computational time.

The MBB-Store Separation Programme System *) will be presented as a possible
solution. The mixed experimental analytical approach realized here is not restricted by
compressibility effects, but will be mainly described at subsonic flows. However the
transonic and supersonic extensions will be mentioned, as well as the application of the
programme system to realistic combat aircraft missions under realistic conditions, such
as

e jettison at high g manoeuvre
e multiple jettison
e rail- and drop-launch of missiles

NOTATION

ALFAF (°) aircraft angle of attack

AC Subscript for: aircraft

BETA (°) Sideslip angle

Cn Store normal force coefficient

Cx» Cy, c, Store force coefficients

Cy1r CMr Cp Store moment coefficients

CPU Central-processor-unit (Times on IBM 370/3033)
CTS Captive Trajectory System

EDP Electronic Data Processing

a ("/g2) acceleration of gravity

1 (m) Store length

M, Ma Mach number

ny Load factor w.r.t, the z-direction

S Subscript for: store

S1ceveen Store sections

t (sec) time

At (sec) time-step or interval

u (m/s) free stream velocity

U flowr local (mM/s) local velocity vector in a flowfield
Ustore (m/s) velocity of the store

Ustorer local (M/s) resultant velocity of a store section
X, Y, Z cartesian coordinates

a (%) a-gle of attack

n(°) angle of sideslip

ny (%) Tailplane setting

Wy (1/5) rotation velocity w.r.t. to the y-axis

*) The MBB-~SSP-System has been sponsered by the FRG Ministery of Defense,
Department RiiFo 4.
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1. INTRODUCTION

The missions of the today's fighter aircraft generation are inconceivable
without an external store equipment.

Such a confiquration is shown in Fig. 1, pointing out two major areas of the
external-store-aerodynamics:

° the carriaje flight configuration,
L) store separation from the aircraft.

Range of Tasks of Store Configurations

Store carriage Store release
e drag and stability of e unsteady loads
the complete configuration tincluding steady loads}
at any time during
® stress due to the steady the trajectory

instolled loads
Fig. 1

The topics of investigation of weapon carriage are the determination of
overall drag- and stability changes of the complete configuration, so that the real
flight performances can be assessed. Great importance also lays in recording the
steady loads on the installed stores to ensure optimal design of the local airframe
strength.

The second area deals exclusively with the overall store aerodynamics in the
vicinity of the aircraft. In this case store loads have to be accurately evaluated,
including all ursteady effects occuring between the installed and free falling store
positions.

Since all problems of the evaluation of loads on external stores appear here,
the following will primarilv deal with the release situation.

Fiq. 2 therefore gives an overview of all possible release conditions for
several stores under different aspects of manoeuvring flight. In addition tu the
simple case of steady interference between the aircraft and the store, other coupling
effects must be taken into account, such as:

Release Conditions

) )
Missies

) | 1
L Dlspenuvsj {Emergency Devices ]

levet flght
ng=1

ncined fl
path nze

1t moneuver
wih arbitrary
lood factor

@ covered by windlunnel testing

Fig. 2

° unsteady interference between several stores in the case of a multiple
jettison

° dynamic interferences Aue to the relative motion between store and aircraft
at flight manoeuvres.
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Looking at wind tunnel drop tests, it is
obvious that only straiqht and level flight para-
meters can be realized, because there is only one
available flow direction. This fact justifies the
development even of complicated theoretical proce-
dures to match all the remaining release condi-
tions.

Aerodynamic Task to Evaluate
the Loads on a Released Store

So the evaluation of loads on the exter-
nal store can be formulated as the aerodynamic
coupling of four main effects, shown on fig. 3 and
consisting in:

o first order effects: standing for the
steady interference of the aircraft on
the air flow around the store

Qescription of ) second order effects: due to store motion
® st Drder Etects =T and ailrcraft motion effects on the store
ue A rterterence effective angles of attack and sideslip,
e Jnd Order Effects . i including store and aircraft rotations
B e T ong e 2t during release and maneuvering with arbi-

o 3ra Osger Effects trary load-factors.

due ‘o stoie store .nterference | ; e -, .
e et ring Tee e ' ° third order effects: occuring only during
multipie jett san | multiple jettison and consisting in first
® Higher Order Effects st and second order effects of adjacent
dueto store - A/Cnter T —>ins stores in motion.
DRSNS
S . finally higher order effects: or the
disturbance on the store caused by air-
craft components close to this store and
induced by the reciprocal interference of
Fig. 3 the store on these components.

2. EVALUATION OF INTERFERENCE EFFECTS ON A RELEASED STORE

A typical design concept used to evaluate these interference effects 1s shown
in fig. 4.

It generally consists in a large
do-loop which combines two main partial

3 tasks:
' . . . Typical Programme Design Concept
Y [ the interference evaluation by fluid
dynamics and aerodynamics
o
3 ] and the resulting store motion by flight
mechanics. l
qulu{olnon
Curing one release calculation about 400 Overall Loods Eﬂf"”
do-loop runs must be performed, whereby inter- with Motion
ference is calculated in 400 different quasi- Interference
steady positions of the aircraft and the exter- LA, J
nal store, i

Store Motion

A,& arcdy, A1,

4‘?; by ar;
ary
N

A

Arydvy AN

Time - Dependant- Quasilinearisation - Boundary
Atmoyx (teycle} _store length ‘sec)

Istore velocityl *

Fig. 4
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2.1 Quasi-linearistion of time

This quasi-steady approach is only valid if the load alternation on the exter-
nal store, during release, occurs slowly enough to be neglected. In this case it is re-
liable to operate with variable time steps which are calculated by deviding the store
length by its velocity. These intervals can be interpreted as the time taken by an air
particle to pass the external store. If those steps are too long, store motion and con-
sequently also interference evaluation will be completely misrepresented.

This effect is shown in fig. 5, where
the store inclination has been plotted versus
flight time. The dashed line indicates the range
in which the time intervals were set too large,

the solid lines those where At is small enough ; _
for the quasi-linearisation. Curve (1) shows, in Effect of Time Step ‘
the dashed part, much higher inclinations as on the Interference Loads

curve (2). Thus the store, due to high drag at
high incidences, is considerably decelerated
along this dashed part of (1). At about 2.5 sec
the velocity has decreased enough to match the store inchinotion
quasi-linear condition with the initial value of - A
At. Now the high pitch amplitude rapidly de-
creases to normal values and the store motion
becomes stable. Interference evaluation, flying
time and ground-impact-point differ completely
from the results plotted for curve (2). In that
case At was correctly chosen to match the
quasi-linear-condition at any time of trajecto-
ry. With shorter time steps the results remain
stable.

*gr arag
2rieerat cr

ror e
cece erce o

store flight time

It is obvious that the use of variable : ' o e
time steps has one further advantage. This me-
thod of quasilinearization, always operates with
an optimum time interval, and thus saves CPU
time by reducing the do-loop-runs during the re-
lease calculations.

Fig. 5

2.2 Interference Concepts

As seen before, each loop-cycle during a trajectory
computation implicates an absolutely new interference situa-
tion between the aircraft and the released store, Assuming a
quasi-steady motion of aircraft and store, an idealised con-
cept to evaluate interference is presented in fig. 6.

Ideal interference
Evaluation Concept

It should work on the basis on the potential theory,
taking into account all compressibility effects. Estimating
a high optimistic value of 2 min CPU for each complete
solution, one release calculation would take a total of 800
min. CPU. Even the use of much faster computers would make

gfxzﬁzlum'"n“s no difference to the fact, that such solutions in closed
Basic form are absurd and must give way to simplified methods.
Assumptions :
W&“%:MYMWMsdmm Such a concept is shown in fig. 7. The basic simpli-
::ﬂﬂﬁ”o' fication consists in assuming that second and third order
Vstare interference effects can be neglected, and that the total
ggﬁﬁ:“mm“ 2 per cycle interference (first + higher order) is only a local func-
ion 1BM 370/3033! gmmmw,ém” tion, which decreases with growing of the relative distance

between store and aircraft. Interference is once calculated
at four different positions of the aircraft and the store,
Fig. 6 using potential panel methods, e.g. Ref. (1), Ref (2) or

Ref. {(3). The resulting store-coefficients are fed to the

programme as initial conditions, providing a linear decrease
between two different store positions. Since only a single flow direction can be simu-
lated, all effects of second and third order have to be neglected. This means that tra-
jectories generated with this concept, are only acceptable as long as the ejector accel-
erations during release were low and the store subsequently moved slowly and with smooth
or nearly no rotation. This method, used at MBB in 1974, displayed one great advantage:
low CPU-time to compute a trajectory.
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Fig. 7 Fig. 8

The current interference concept is based on the flow angularity technique,
quite familiar to those methods described by Korn (Ref. 4), Grosse/Bristow (Ref. 5) and
Fernandes (Ref. 6). The so-called MBB Store Separation Programme System (MBB-SSP)
specially utilizes data derived from modern potential theory.

First of all, two preliminary computations are separately performed, in order
to evaluate the external flowfield around the aircraft and to predict the isolated
external store aerodynamics.

Aircraft Flowfield:

In the first run the surface of the aircraft is subdivided into several two-
dimensional elements, having each a constant sinqularity distribution. The disturb-
ance potential of the aircraft is then evaluated to fulfill the kinematic flow condi-
tion (no flow through the surface) on each of these socalled panels. The disturbance
potential and the potential of the undisturbed flow are summed up to the total poten-
tial of the aircraft. From this, the velocity components of the entire flowfield can
now be computed. In practice this computation is confined to a corridor in which the
trajectory of the external store is expected. These flow-grids are generated only
once around the proper aircraft and are then stored »n EDP-disks, ready to be called
up for all further computations.

Isolated Store Aerodynamics:

The pressure distribation of the isolated store is determined by the same
method. Only here, the velocity components are computed directly on the store sur-
face, permitting thus the determination of the panel pressure coefficients. In a
further step the distribution so found is partially summed up to the characteristic
sectional-loads of the external store.

Interference

The required interference evaluation is then performed during the trajectory
calculation in the previously mentioned do-loop. There the disturbed flowfield compo-
nents together with the proper velocities of store and aircraft are converted into
effective flow angularities on each section of the store. Interference forces and
moments ace found by partially superposing the store sectional derivatives with the
local flow angularities, and then by summing up these partial loads to total store
loads.

This approximation covers the subsonic Mach number range, but still yields
reasonable results in the transonic range, when measured grids are used.

The basic assumption of this interference concept consists in considering

any higher order interference effect of the external store to be negligibly small.
-




2.3 Used Panel Model

Fig. 9 shows two of the used panel
models. A comparatively large number of pan-
Auceatt (2000 Surtace Etements) els is required to evaluate the disturbance
Used in Flowlield -Calculotions flow field. High amounts of CPU-Time (about
20 min) for solving these systems of equa-
tions, however, occur only during the primary
computations.

A smaller number of panels (400 or
less) is sufficient, when determining the
isolated store aerodynamics. (CPU-Time
amount: 4. min or less).

Store (400 Panels) to Evaluate
the lsototed Store Aerodynamics

Fig. 9

2.4 Results of Flow-Field Calculations

On Fig. 10 four streamlines are plotted around the aircraft shape to describe
the disturbed flow at typical carriage stations. The flight situation corresponds to
8° angle of attack at M = 0.6. Near the fuselage centerline the flow is well ducted
and follows the underfuselage surface. At the lower fuselage corner the streamlines
are displaced sidewardly and maintain nearly the freestream inclination. The inboard
wing streamline first follows the lower wing surface in an upward-outboard directed
motion, and then is deflected by the wing downwash field. Due to high local sidewash
effects the outboard wing streamline is ducted to the tip where it interacts with the

tip-vortices. There it changes from the lower wing surface to the upper one and moves
inwards.

Undertuselage and uUnderwing

Streamiines Streamlines in Regions with
M=-06 a-8° [-0° Heavy Disturbances
M«09 o=8° p‘5° T]wl-10°lnoseupl
ﬁ’?‘._ {potentiol theorv of Ref '3})
R R Ry - -
T T T R -
— e m T T
PlaN
. ~ .
P - . v ‘F—\.
- .’ . P -t )
- o & & & s s - -t -
A o Y imn
Fig. 10 Fig. 1
The situation shown in Fig. 11 is much more complicated. Flight conditions are
here M = 0.9 at 8° angle of attack and + 5° sideslip. In addition, a store is mounted on
the outboard wing pylon in front of the 10° nose-up inclined taileron. High interference
regions are demonstrated here by vortex roll-up, strong sidewash and downwash effects.
Finally Fig. 12 shows a comparison between theoretical and experimental flow-field data
at the lower fuselage centerline and near the wingbody intersection area. Angle of
attack of the freestream is set at 8°, with M = 0.7 (fuselage) and M = 0.6 {underwing).
i In spite of light overpredicted interferences near the canopy and wingbody-intake

sections, the theory is in excellent agreement with the exnerimental data. This can also
be stated for the sidewash component B shown on Fig. 12 (results taken from Ref. (7)).
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First o der interference is here defined as the
ditfer:nce between the freestream and the local

Comparnson Between Measured flow angularities.

and Predicted Flowfield
M=07 «=8° fi=0°

2.5, Loads on the external stores
Undertuselage - Centerline
2 . . . .
Oou ' The maximum interference due to store 1in-
N T stallation is shown on Fig. 13,

|
¢ 5\37—*‘*¥;‘_;,/’//‘ There, the store normal force coefficient

is plotted versus the angle of attack for the iso-
] IR RN lated and the installed store. Maximum interfer-
R | ence is the difference between both curves.

& preacrod In both cases nonlinearities occur at
N v measuied higher angles of attack.
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Ahiom A
[R sttt —t - . 0 . 0
e . . ' T e
. J ‘ Static Interference
B ¢ 4 0 " 12 " " Isl." * [ st Oldu )
o .
.t y & ntgies
o i CN | o socies
Sk 36 ner cears
("o 3 0on ¥ C e =5 ety :
‘ [ . . o] o Cronitom anaiogs
| l | I . tevence
A ' ' -

Fig. 13

It is obvious that the linear potential theory does not reproduce the strong
nonlinear effects of vortex shedding on the store. Therefore the empirical crossflow
analogy described in Ref. (8) and Ref. (9) is used to cover those effects.

Load-Coefficient on a Wing Pylon
Mounted Store

M=06

—om— exprriment

~ia0m-= potentisl heety
atane
~ O~ polental fheory -

crosstiow acaiogy

expesmental flowfield

Fig. 14

On Fig. 14 carriage loads of a wina-pylon mounted store are plotted against
some experimental results up to 20° of aircraft incidence. This evaluation includes
only first order effects, because the relative velocity between store and aircraft
motion is zero. Measured data are marked by circles, linear potential results by
triangles and total loading including non-linearities by squares.

Underfuselage installation loads are shown for the same store on fig. 15, The
parallel shifting of the moment-characteristics is due to a slightly differing centers
of pressure between theoretical model and analized store, which was equipped with 4
wings plus 4 fins and a missile-launcher on its top. (see also fig. 9)

As mentioned before, second and third interference effects tend to change the
effective angle of attack of the jettisoned store. Therefore these effects were evaluat-
ed for an underfuselage jettison case at M = 0.9 and apc = 11.5°. The resultin-
angles have been plotted versus the vertical displacement of the store relative tn the

) aircraft in Fig. 16.

—




At A TR by S b b G . R 0 i Ot MR VY <

68

Load- Coefficient on a Fuselage- Pylon
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Fig. 15

Anaiysis ot interterence Eftects
on the Store Angles of Attack
| pitctung up store }

Fig. 16

The broken line represents the orienta-
tion of the store respective to the aircraft
free stream direction during release. It starts
at 11.5° and increases with a rapidly changing
curvature. The solid line includes only the
first order interference effects. It starts with
the local flow inclination of 2.5° in the vi-
cinity of the underfuselage and smoothly in-
creases with vertical displacement due to de-
creasing interference. The dotted line demon-
strates first and second order effects on the
effective angle of attack. A break of its slope
occurs at about z = 0,10 due to the end of the
ejection acceleration (end ~f piston stroke). It
then continuer. with a slightly higher gradient
than the solid curve. First »>rder interference
is the difference between stcre inclination and
the solid line, So first plus second order
effects on the store effective angles of attack
also appear as the difference between the dotted
line and the inclination. Third order effects
are zero, for it is a single jettison case.

Fig. 17 then chows the situation of
body-nose and tail sections. Here the solid line
gives the values of effective angles at the nose
and the dotted one at the tail of the body. The
orientation is identical as in the previous case
(broken line).r ¢« =

EHective Angles at Body-Nose
and Body-Tail due to 1st + 2ng
Order interterence Effects

Fig. 17
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Effects of slight changes of the initial condi-
tion on the interference evaluation is shown on
fig. 18. The lower lines have been calculated by
subtracting the store orientation and effective
angle of attack of Fig. 16. The broken line

Trajectory Loads with 1st
Order only, and 1st « 2nd

stands for first order effects, the solid one Order Interterence Etfects

for the first and second order effects. Applying

now pitch control on the store with an ejection

release unit, the store motion changes complete-

ly and thus also the interference calculation

results, Positive--Aa indicate a high interfer- ) - N e weams
ence region with low local inclinations and / . na
strong velocity changes in the flow field. A ne- oo e
gative -Aa indicates a pitch up of the re' .Laed
store, when it occurs in the vicinity of the
aircraft,

st orge: ettect

Thus it is clear that the 'solid lines
always give a pessimistic view of the sepira- :
tion behaviour compared with the broken lines, . R
This is a typical dynamic response effect, and M J
cannot be reproduced by steady grid measurements
as done wich a CTS-System, and where the inter-
ference effects on dynamic derivatives are not
taken into account. This fact however is of
great importance, for theoretical results should
have always a sufficient security margin when
predicting safe separation limits.
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The normalforce and the pitching moment of the

jettison without pitch control have been plotted

versus the vertical displacement. Due to the Fig. 19

lack of suitable tests, comparison is made for

theoretical first and first + second order effects with free flight measured store aero-

dynamics, marked by the broken lines. Actual load measurements from CTS-Rigs are only

valid to describe first order effects. To measure realistic trajectory-loads it would be

necessary to jettison a store with a flight data recording equipment.

2.6 Effect of varying sectional loads

Trajectory computations with different partitioning of the store geometry have
shown an important effect on the separation behaviour. Fig. 20 therefore shows

Effect of Varying Sectional Loads
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Fig. 20
the calculated tendencies for different sectional models of one store. Nearly any
separation type can be reproduced. Trajectories 1.1.1 to 1.1.4 accentuate the effective
angles of attack on the body axis. Number 1.1.5 takes the fin's angles into account, but
with a rough approximation of the load-distribution on the body. Finally 1.1.6 and 1.1.7
indicate a stable tendency. Using additional sections no further changes occur. Analyzing
these results, it was found that the trajectory becomes stable when using sections of the
store with a constant center of pressure. Cases with fewer sections alternate the load
distribution on the store surface, and thus lead to wrong moment curves and wrong
trajectories.

3. COMPUTATION OF SEPARAT(ON, COMPARISON WITH EXPERIMENTAL RESULTS

The usefulness of the MBB-SSP System has been proved in many recent store
separation projects. Two of these typical results are plotted against flight test
data on fig. 21; on the left side an emergency jettison and on the right side a firing
case at M = 0.8 with apc = 4.5°,

{
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Fig. 21

Longitudinal, vertical and lateral displacements are plotted versus time.
Triangles indicate test data, circles the theoretical prediction. Differences in
lateral displacement shown here are due to sideslip during flight test. All other
displacements are matching well.

Comparison with Windtunnel Orop Tests
{ FROUDE-Scaling)
M=05 o= 0°, 14° 23°

with pitch control

Fig, 22

Comparison with wind tunnel data is presented on fig. 22, It includes an a-
-variation with and without pitch control up to 23° with different stores. Finally some
more complicated cases are demonstrated on fig. 23, such as:

missila launch

missile drop launch

multiple jettison

firing of submunition from carried dispensers
range-analysis of submunition.

COMPLICATED RELEASE

® Missite - Launch * Furing + Range of

¢ Missie - Droplaunch Submunition




4. CONCLUDING REMARKS

The combination of the flow angularity technique with modern potential theory
is a powerful tool to evaluate interference effects during store separation. Theore-
tical and experimental data can be optionally used, without any difficulty. The
qreatest advantage is the CPU-reduction achieved using this concept with sufficient
accuracy. Thus, one timestep of the do-loop affording 0.019 sec of CPU, the complete
trajectory is calculated with only 7.6 sec. CPU.

A further advantage is the application to complicated and realistic manoeuv-
res with any laod factor as well as in cases of multiple jettison where several flow-
fields must be superposed within an i{teration after each time step.

The only inaccuracy 1s given by the fact that any reciprocal interference on
the siore due to its own disturbance must be neglected during the first few steps of
the trajectory.

Finally, the actual lack of theoretical methods to evaluate the disturbances
of arbitrary transonic 3D-configurations restricts this concept to the use of expen-
sive experimental transonic flowfields,
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SUMMARY

A review is presented of an extensive expelimental ‘theoretical proyrarn which 18
directed toward establishing a predictive method for Jdetermining firstly, three-dimensional
transonic flow fields about parent aircraft and secondly, loading dis.ributicns on external
stores located in these nonuniform flow fields. Th™- work represents several stages in the
systematic development of a theoretical capabilivy {or enabuaing arrcraft/store compatibil-
ity studies at transonic speeds with applications “o a'reratt store desiga optimizatiorn and

store certification programs.

The primary emphasis of the work lLas been on the development and veritication o a
theoretical method for the rapid computation of nounlincar three-dimensional transonic {low
fields due to modern fighter-bomber confijurations, accountir; for effects of the fuseldage
wing/pylon components. The objectives of the paper dre two-told: (l} ro Jescribe the E
extensive companion experimental progr.n and present highlights of those resu.ts, which
include detailed measurements of both flow fields and surface pressures (parent and
external store), taken in a systematic component buildup; and «Z2) to discuss the develop-
ment of the associated theoretical methad, describe 1ts application to a class of idealized
fighter-bomber configurations, and display comparisons with data from the parallel «<xperi-
mental program, including both flow fieid and store loading distribution results.

1. INTRODUCTION

The safe and controllable separation of external stores, either powered or usnpowered,
from modern fighter-bomber aircraft remains a current problem of significant military
importance. Operational limitations due to dangerous store reledase character.stics ca:n
reduce aircraft mission effectiveness and survivability. <Ccnsequentl!y, development of
accurate engineering predictive methods for determining clear separa<ion as well as
optimizing store design and placement fills a critical dual role. Use of such methods
not only enhances the performance and safety of weapon delivery, but also provides a
means for reducing the time required for both wind-tunrel and full-scele flight tests
relating to store certification programs.

Development of such methods for gurely subsonic and purely supersonic flows has been
successfully underway for some time!’’. Favorable applications of these procedures®™*
have demonstrated their effectiveness for establishing weapon system design criteria.

For transonic speeds, the application of such techniques becomes significantly more
complicated. A more intense development of the basic theoretical solution procedure is
required due to the essential nonlinear character of the flow. The linear methcds pre-
viously developed for the subsonic and supersonic regimes do not apply and finite-
difference solutions are necessary. However, for the complex geometries typical of
realistic external store/fighter-bomber configurations, together with the large number

of individual cases usually required for design or parametric analysis, exclusive use of
three-dimensional finite-difference methods is not practical. These limitations identify
the primary constraints on any prediction method for determining external store transonic
aerodynamic behavior in the near vicinity of a parent aircraft. That is, the method must
be capable of predicting with sufficient accuracy the essential nonlinearities of the
nonuniform parent-generated three-dimensional transonic flow field surrounding the store,
while maintaining a minimum of computational requirements so as not to limit severely its
use as a design tool. Additionally, the method must be capable of treating complex
geometries involving nonaxisymmetric fuselages/inlets/multiple pylon-store combinations
characteristic of modern fighter-bombers.

In order to accomplish such a theoretical development in a rational systematic
fashion, a specifically~-designed wind-tunnel test program was simultaneously carried out
to establish the essential data base to check and verify the predictive method at crucial
stages. The experimental results obtained from this series of three tunnel entries are
not only important to the present effort, but are of significant general value to 3-D
transonic modeling efforts in that they comprise a generic data base of detailed three-
dimensional transonic flow field measurements about a simplified wing/body combination
which has not been previously available.

In the following section we describe the extensive companion experimental program and
present highlights of those results, which include detailed measurements of flow fields
(pressures and three velocity components), surface pressures (wing/body fuselage and
external store), emd wing/body forces and moments, taken in a systematic component build-
up--wing/body/alone, wing/body/pylons, wing/body/pylons/attached-store, wing/body/pylons/
separated-store, and store-alone.

The emphasis of the theoretical work has been on the development and verification of
a predictive method for the rapid computation of nonlinear three-dimensional transonic




flow fields about idealized fighter-bomber configurations, accounting for effects of the
fuselage/wing/pylon components. In the third section, we discuss the development of the
assoclated theoretical method, describe its application to a class of wing/body configura-
tions, and display comparisons with data from the parallel experimental program.

2. EXPERIMENTAL PROGRAM
2.1 Overview and Rationale

The basic rationale underlying the experimental program was to select realistic model
geometries and flow conditions so as to provide data for the parallel theoretical program
representative of modern fighter-bomber configurations operating at transonic cruise con-
ditions; while at the same time maintaining as much geometric simplicity as possible so as
to be able to separate out individual effects of different components. Test conditions had
to ensure topological coverage of all important transonic flow conditions - from mildly
supercritical, to strongly supercritical to mildly supersonic. The primary data would
consist of (1) detailed flow field surveys in the near vicinity of the parent, in partic-
ular in locations typical of attached and initially-separated stores, and (2) detailed
external store surface pressure measurements for store locations throughout the flow field
survey grid. To achieve the desired coverage of various transonic conditions, testing near
Mach number one was initially anticipated (and later confirmed) to be inevitable. Conse-
quently, a means for both assessing and, if necessary, accounting for tunnel wall effects
was considered essential. In order to achieve this, limited corraborative testing in a
much larger tunnel was planned for assessment purposes; and in the tunnel where the primary
testing would be done, supplementary outer flow field surveys would be taken to provide
measured boundary conditions for input into the theoretical predictive method to account
for tunnel interference. Parent model surface pressures and force and moment measurements
were planned to provide additional inner flow field information as well as to assist in
evaluation of tunnel interference and viscous effects. Finally, minimization of tunnel
interference effects insofar as possible by (1) appropriate model sizing, (2) aerodynam-
ically-clean confiquration design, and (3) test condition selection at low to moderate
lift would be undertaken.

2.2 Model Design

The design of the test model was constrained by the dual objectives of (1) testing
a simplified but geometrically~related configuration characteristic of modern fighter-
bombers, and (2) obtaining as wide a range as possible of transonic flow conditions. The
model size was established by the conflicting reguirements of minimizing wind-tunnel
interference and maximizing pressure probe accuracy measurements. To provide a critical
evaluation of the flow field predictive method, two different sets of wings having
identical planforms are needed.

The model chosen is illustrated in Figure 1 and is an idealized 22.5:1 scale model »f
the F-16. The fuselage is circular with a three-caliber parabolic-arc nose profile
followed by a straight cylinder. The two sets of identical planform wings are mid-mounted,
cropped delta wings having thickness only (zero camber and twist) profiles whose coordi-
nates are based on (1) a scaled F-16 wing (4% thick), and (2) a NACA 65A006 airfoil. A
force balance is included in the model, and 25 surface pressure taps are provided on the
fuselage surface.

2.3 Test Program Description
Three separate tunnel tests, as summarized below,

+ 4T-wing-body alone
* flow field pressures, velocities
* fuselage surface pressures, forces/moments

+ 16T-wing-body alone
* selected flow field pressures, velocities
* limited fuselage surface pressures, forces/moments

* 4T-wing-body/pylon/stores combination
* flow field pressures, velocities
* external store surface pressures
* fuselage surface pressures, forces/moments

were performed at the Arnold Engineering Development Center (AEDC) using the 4T and 16T
Propulsion Wind Tunnel test facilities; and are reported in detail in references 6 and 7.
The initial entry was in the AEDC 4T Transonic Tunnel where the primary diagnostic flow
field data for the wing-body alon2 were obtained. The second entry was in the AEDC 16T
Transonic Tunnel and was made to obtain a limited amount of selected repeat data for
assessing both wind-tunnel interference as well as tunnel flow quality effects. The final
entry was in the AEDC 4T tunnel where both detailed.flow field data as well as detailed
external store surface pressures were obtained for the original wing-body augmented by
various wing and fuselage pylon/store combinations.

in the initial 4T entry, in order to obtain all of the important flow conditions of
interest in transonic flight - from subcritical to slightly supercritical, to strongly
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supercritical, to mildly supersonic - testing was carried out at three Mach numbers

(M, = 0.925, 0.975, 1.025) and three angles of attack (: = 0°, 2°, %°). The principal
flow field data were taken usine the Captive Trajectory System (CTS) at typical stoure
locations on the pressure side of the wing. Sccondary data were taken on the suction
side of the wing in order to obtain add:tional diagnostic information for evaluating the
flow field prediction model. Figure 2 provides a photograph of the wing-body model ard
sting mount in the 4T tunnel, together with the conical flow-field survey probe on the
CTS. 1In order to provide an idea of the flow field detail obtained, we have prepared
Figure 3 which displays the grid survey locations for the inner flow field. Symmetric
side-by-side surveys were made to assess flow gquality and repeatability. Figure 4 dis-
plays the outer flow field surveys which were taken on a cylindrical surface as far from
the model centerline as the CTS would allow (R = 14.14 inches) to provide measured outer
boundary conditions as input to the theoretical model to evaluate wind-tunnel wall inter-
ference. Model fuselage pressures and forces and moments were obtained at all test
conditions.

For the 16T entry, to obtain the corraborative flow field data, selected survey
locations were used from the flow field grid as denoted in Figure 3 in the y-z crossflow
plane view by the symbol (), while the corresponding outer grid is denoted in Figure 4.
The test conditions included the three Mach numbers (M, = 0.925, 0.975, 1.02%;, of the 4T
tests, but only the angles of attack a = 0°, 5°, Fuselage surface pressures and forces
and moments were also obtained at each test condition.

In the final 4T entry, the experimental procedure consisted of two separate system-
atic model-buildup sequences involving various pylon/store combinations added to the Lasic
wing~body. For the first sequence, flow field velocities and pressures were obtained for
each configuration in those regions normally occupied by an attached or initially-separated
store. The various wing-body/pylon/store configurations tested together with their flow
field grids are illustrated in Figure 5. The wing pylons employed had 30° swept leading
edge and a straight trailing edge with a biconvex 4% thickness profile, while the fuselage
pylon had both straight leading and trailing edge also with a biconvex 4% thickness pro-
file. The dummy stores mounted cn these pylons were axisymmetric ogive/cylinders havinug a
2-caliber nose and 8.5 caliber length and a 3/4 inch diameter. Geometric details of the
pylons and stores are provided in reference 7. As before, force/moment and surface ;res-
sure measurements were taken on the wing-body model, together with outer flow field
measurements. Figure 6 provides a photograph of the test wmodel with the wing-mounted
pylon and stores and the CTS-mounted flow survey probe. The second model-buildup secuence
involved a special pressure-instrumented store of identical geometry as the dummy stcres
involved in the first sequence, but mounted on the CTS and positioned in normal store-
attached and various store-separated positions. The configurations tested in this sejuence
involved configuration 24 and 25 of Figure 5 with the dummy store replaced by the @ metri-
cally-identical instrumented one. At each flow condition in this sequence, detail-u
surface pressure distributions on the instrumented store were obtained from a single
longitudinal row of surface pressure taps by rolling the store through 360° at 10° roll-
angle increments.

2.4 Test Results

A thorough survey of the experimental results from the initial 4T entry (wing-body
alone) has verified that the test parameters were excepticnally well selected for pro-
viding as wide a range of transonic phenomena as possible. The data display flow con-
ditions from subcritical to slightly supercritical, to strongly supercritical, to mildly
supersonic, as were desired. For the two subsonic free-stream Mach numbers, Figure 7
illustrates this fact and displays the growth of the supersonic pockets on the pressure
and suction sides of the wing. The results are for a (x,z) plane located at the spanwise
location y = 2 inches (25% semispan) and are for the model with the scaled F-16 wing. The
figure on the top indicates the extent of the supersonic zone at M, = 0.925 for the three
angles of attack, while corresponding results for M, = 0.975 are shown in the bottom plot.
The symbol Mp, denotes the local Mach number. Since the vertical limits of the inner flow
surveys were 1 < |z] < 5 inches, the maximum lateral locations of the larger supersonic

pockets on the suction side were beyond the last inner survey location at z = 5 inches.
However, only for the M, = 0.975, a1 = 5° case did the pocket extend out to the outer flow
survey location at z = 14 inches. These results indicate the extreme sensitivity of the
flow at supercritical conditions. Analogous results for M, = 1.025 are shown in Figure §

which displays the variation and growth of the embedded subsonic pocket. Qf particular
note in both Figures 7 and 8 is that, at modest anales of attack, flow conditions on the
pressure side of the wing remain primarily subsonic for a wide range of conditions.

An indication of the quality of the data obtained in the 4T tunnel is indicated in
Figure 9 which displays side-to-side symmetry comparisons for flow surveys of sidewash
and upwash at M, = 0.975 and n = 0° at a vertical location just under the wing (z =1 1inch)
and at the location y = :4 inches which is at 50% semispan. In these surveys, the x loca-
tion of the local leading and trailing edges of the wing are denoted by LE and TE. The
omparisons indicate extremely good flow field symmetry and are typical of the 4T data.
A close examination of all the data has indicated that at extreme spanwise locations near
the wing tips, discrepancies of one-guarter of a degree are observed which can actudlly be
traced to tunnel flow quality, but this is alrcady at the limits of the accuracy attainable
(Ref. 6) for these tests.

In order to achieve the range of flow conditions desired for the aecrodynamically
clean model configurations tested, the necessity of sclecting two of the test Mach numbers
so close to one (M, = 0.975, 1.025) was unavoidable. Conscquently, the guestion of whetiher
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significant wall interference effects were present in the data is quite pertinent. In
addition, since subsequent tunnel entries are planned, establishment of the band of free-
stream Mach numbers about M, = 1 outside of which tunnel effects are small 1s essential.

An indication of the presence of wind-tunnel effects in the 4T data is provided by
Figure 10 which displays the comparison of body surtace pressures obtained on the scaled
F-16 wing/body combination from tests in the AEDC 4T and 16T tunnels. Indicated in the
upper plot are the nonlifting results for M, = 0.925, 1 = 0°, while corresponding lifting,
pressure side results for M, = 0.975, 4 = 5° and Ma = 1.025, . = 5° are displayed in the
two lower plots. The results shown for the nonlifting M, = 0.925 flow exhibit essentially
no interference effects and are typical at this Mach number for lifting conditions as well.
Those shown in the middle plot for the pressure side for M, = 0.975, . = 5° indicate good
agreement at axial locations ahead of, behind, and over the major portion of the wlng root
chord axial position, with some slight discrepancies near the root chord leadinyg edge and
trailing edge, while similar pressure side results for M, = 1.025, + = 5% 1ndicate some-
what larger discrepancies in those regions. As a direct indication of tunnel interference
effects, however, these discrepancies are clouded by two additional factors present in the
16T data. These are (l) the model/sting support strut from the tunnel floor, and (2) flow
quality effects. The 16T model support strut is known to be capable of causing a Mach
number decrement of up to M. = 0.0l 1n the test section (Ref. 6). Compensation for that
decrement has been attempted in the comparisons for the M, = 1.025 results shown in the
bottom figure. ilere the 4T tunnel results for M, = 1.025, shown as the circular symbol
{&), have been extended to M, = 1.015 (~--) to compare with the 16T data by intcrpolati::
between the 4T results for M, = 0.975 and 1.025. Some improvement 1s indicated but tho
discrepancies are not eliminated.

Our conclusions from the comparative wing-body alone tunnel tests are that (l; essen-
tially no interference exists at M, = 0.925, (2) at M, = 0.975 and 1.025 mincr 1interference
exists on the pressure side of the wing/body, and (3) the outer flow field measuremcnts
obtained will afford a means, if necessary, of accounting for tunnel effects in the theo-
retical predictions.

With regard to the final 4T entry, on the basis of the tunnel interference results
from the initial 4T and 16T tests for the wing-body alone, test Mach numbers were selectec
at M, = {0.925, 0.950, 1.05, 1.10! and angles of attack : = {0°, 2°, 5°: in order to avcicd
as much as possible even the slight interference observed at M, = 0.925 and 1.025, while
still covering the spectrum of flow conditions characteristic of transonic flight. A
thorough survey of the experimental results for the various wing-body/pylon/store config-
urations has indicated that the test conditions were again well selected. The data
typically display conditions from mildly supercritical to strongly supercritical, to
mildly supersonic for the various combinations tested. For the two subsonic free-stream
Mach numbers, Figure 11 illustrates the variation with angle of attack of the size of the
embedded supersonic pockets for the wing-body configuration with wing-pylon/stores. The
results are for a (x,z) plane located exactly at the wing-pylon span location (y = 3.5
inches). The figure at the top displays results for the extent of the supersonic zone at
M, = 0.925 for the angles of attack . = 0°, 2°, %°, while corresponding results for M, =
0.950 are provided in the bottom plot. In this (x,z) plane, the vertical limit of the
survey locatlons was 1.98 < z < 2.73 inches. The results indicate two separate super-
sonic pockets; one on the ogive nose of the store and terminating at or near the shoulder,
and another located rearward of the first extending over the cylindrical porticn of the
store. At M, = 0.925, the results in the upper plot indicate substantial supersonic
pockets at : = 0°, which notably contract at 1 = 2°, and which at 2 = 5° disappears
altogether on the nose but remains over a small axial interval on the cylindrical portion
of the store. These results are 1in distinct contrast to those for the wing~body alone
(see Fig. 7), which displayed only a very small supersonic pocket at 1 = 0°, which dis-
appeared altogether at = 2°, and indicate a substantial effect of the pylon and store
on the flow field. The corresponding results at M, = 0.950 in the lower plot display a
similar trend, but maintain a notably larger supersonic pocket on the cylindrical portion
of the store even at 4 = 5°. These latter flows provide typical strongly supercritical
results, while the former provide corresponding mildly supercritical results.

3. THEORETICAL PROGRAM
3.1 Summary of Flow Field Method Development

The development of the theoretical method for predicting the parent-generated three-
dimensional transonic flow field has procecded through a series of increasingly more
accurate, but computationally more expensive methods as were indicated as being required
from comparisons with data from the companion cxperimental program. Starting with the
simplest, as summarized below, these were methods based on

* Classical transonic equivalence rule
« Extended transonic equivalence rule
* Nonlinear 3-D correction procedure

In the following sections, we will briefly describe each method, discuss their respective
strengths and weaknesses, and display typical comparisons of results predicted by each
with data.




3.2 Classical Transonic bEguivalence wolo

The transonic equivalence rule (Thb o wan cweveloped tnatrally g the form, now known
a3 the classical or thickness-dominatet [onot, Ly Uswatitscen {(ket, 8) ftor ool fuin;
wings, and extended later to moderately Littineg wings (Ref. 9) and slender confiourations
of arbitrary cross sectiun (Ref. 10). Subscjuent extension of the rule (Ret. 11) to
:nclude situations where the lift 1s signi!icant both revealed 1ts dependence on lifr oas
well as claritied the classical Lirit and ranve ot validity. In essence, the rule pro-
vides the basis for greatly simplifying the caleulation ot transonic {lows past special
Lut aerodynamically-important classcs of three-dimenslonal confilygurations. It accomplishes
this by recoynizing that the structure ot transonlce flows past slender shapes in the
vicinity of M 1 consists of two distinct but coupled domains whose Joverning eguations
and boundary conditions are significantly casler to solve than the full 3-D transcnic
potential equatiuns. The fundamental structure of the eguivalence rule is found to be
governed principally by a similarity parameter 5, (Ref. 11) lnvolving a combination of
the configuration thickness ratio, 1lift force, and leading-edue sweep, and represents
essentially the ratio of lift/thickness cffects. Depending on the magritude of ,, the
nonlinear outer problem classifies 1nto one of three domains: (1) =, <- 1, thickness-
deminated, (2) -, = 0(l}, intermediate, and (3) =, -+ 1, lift-dominated. For the moderrn
fighter-pbomber configurations and operating conditions of interest in this study, the
similarity parameter -, 1s small (Ref. 12) and the subseguent flows lie within the
classical or thickness-dominated limit. In this limit, the solution domains consist of
an 1nner region governed by a linear equation, the same as in slender-body theory, and an
outer nonlinear region consisting of the axisymmetric flow about an "esuivalent” nonlift-
1ng body of revolutiorn having the same longitudinal distribution of cross-secticnal area.

The theoretical essentials of the classical TER are illustrated in Figure 12, which
d1splays the decomposition of the flow into its first-order inner and outer components and
the resulting uniformly-valid composite solution; that is

P v, .t 2t T2, Y ovB )

Here, each component has the meaning indicated in Figure 12. The first-order 1lift (:5 )

and thickness (i2,t} inner solutions describe, respectively, the translating and expanding

cross section in the y,z plane, and satisfy the two-dimensional Laplace equation in the

crossflow plane tcgether with the no-flow boundary condition at the body surface. The

first-order outer solution !y satisfies the axisymmetric transonic small-disturbance egua-

tion indicated in the figure subject to an inner boundary condition determined by the ;
"equivalent" body singularity source distribution, and an outer bourndary condition related i3
to flow conditions far from the configuration. ‘lhese would correspond, for example, to ¥
free~air conditions or to those appropriate to a tunne. environment.

Previous applications (Ref. 13) of the classical TER to various nonaxisymmetric
slerder bodies and a thin triangular wing of unit order aspect ratio displayed very good
agreement with data, and provided a bLasis for application to the configurations of interest
in this study. The TER procedure was applind to the idealized F-16 wing-body model shown
in Figure 1. A description of the appropriate irner and outer solution procedures devel-
oped is provided in reference 12. Figure 13 provides typical results of the TER theory
with 47 data for the wing-body model with the scaled (4% thick) F-16 thickness-only wing
(see Fig. 1l). In that figure, we have displayed theoretical and experimental comparisons
at M, = 0.975 of the local upwash nuj and sidewash :j angles, in degrees, for a longitudinal
survey at the crossflow location (y,z) = (4,-1) inches, which is at the 50% semispan loca-
tion and as close vertically to the wing as surveys were tak-n. The plots in the left of
the figure provide results for x = (°, while those on the right are for : = 5°. In genera.
the comparisons are quite good, capturing both the level and tie trend of the data :n a.’
locations except near the trailing edge. In that region, the results become spuricus.
These results are essentially unchanged at the lower subsonic (M_ = 0.325) and superson.-
(M, = 1.025) Mach numbers tested. Initially, it was believed that th.s behavior was .
to discontinuities in the axial area distribution derivatives due to breaks 1n tia w.::
planform. Various smoothings of those derivatives, however, ameliorated the proile:n
slightly (Ref. 14). A close examination of the 7low structure in the vicinity ! +:. ..
tip and the trailing edge revealed that those changes in planform for the aspec® -
the model tested (R = 2.98) inducc three~dimensional spanwise variations wh: -l L:.
the capability of slender-body theory which underlies the basis of the ciassi. s i
lence rule. Consequently, the deficiency 1s one in terms of aspect rati- ST B
tions to the configurations of interest in this study, an extension o¢r moeioto o 5
~lassical TER is necessary to overcome this limitation. :

3.3 Extended Transonic Equivalence Rule

In an attempt to alleviate the aspect ratio shorteomin: @ i s
riule, we have examined an cextended eguivalence rule In which the o

inner snlutions in the ariginal THER are replacaed by three-dimes . V.
ohtained from paneling methods. The corresponding comp st
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Here 13 ¢y, 19 the solution to the three-dimension o
an arb1€rary angle of attack -, tyop 18 the linoar
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flow past the equivalent body, and ¢ is the usual nonlinear axisymmetric solution to the ;
transonic small-disturbance equation for nonlifting flow past the equivalent body. ;

In this form, it was anticipated that the appropriate three-dimensional spanwise
variations of the flow, which could not be represented accurately by the two-dimensional
inner solutions, would be obtained; while the nonlinear transonic effects would hopefully
be captured sufficiently accurately from the axisymmetric equivalent body solutions.
Additionally, paneling method solutions for ¢3, p4+q for both the subsonic and supersonic
cases already exist (Refs. 1 and 2). 1In Figures 14 and 15, we display results for the
extended equivalence rule corresponding to those provided in Figure 13 for the classical
TER. Figure 14 provides a comparison of theoretical predictions and data at M_ = 0.975
and o = 0° for the axial velocity ratio as well as the local upwash and sidewash angles
along the survey location at (y,z) = (4,-1) inches, while Figure 15 provides corresponding
comparisons for a = 5°. The results of the extended equivalence rule are indicated by the
flagged solid circles (@), while the three-dimensional paneling method results (93, t+a)
are shown as solid circles (@), and data as open circles (@ ). At points ahead of the
trailing edge, the extended equivalence rule and the linear theory are essentially iden-
tical, indicating no correction from the axisymmetric equivalent body calculations.
However, near the trailing edge, the extended equivalence rule results, although providing
significantly improved results from the classical TER, display a serious discrepancy in
both axial velocity and sidewash. The upwash component would not be expected to display
much of an equivalent body correction at this location due to the restraining influence
of the wing in the vertical direction.

s g it

One of the notable features of the above results, as well as a significant result of
this study as determined from a large number of similar comparisons at a variety of flow
conditions throughout the transonic range, is the reasonably good predictions of the
lateral velocity components (upwash and sidewash) as predicted by the three-dimensional
paneling methods for this configuration even at free-stream Mach numbers quite close to
one. The axial velocity component, as would be expected and as shown in Figures 14 and 15,
consistently displays a large discrepancy between the linear solution and data in the
trailing edge region where shock waves are present. For that velocity component, a three-
dimensional nonlinear solution is necessary to account for the 3-D character of the shock
in that region. However, as discussed in the store loading calculation section below,
external store loads in the presence of parent-aircraft, depend primarily on the lateral
velocity components, and secondarily on the axial velocity component, with the exception
being regions where parent-generated shock waves impinge on the store. Consequently, we
conclude that three-dimensional paneling methods can be used to predict the parent-
generated lateral velocity components, while a 3-D nonlinear procedure is necessary to
account for transonic effects on the axial velocity component. This has formed the basis
of the method described in the next section.

3.4 Nonlinear 3~D Correction Method

Based on the observation that paneling method solutions are capable of providing good
predictions of lateral (but not axial) velocity components for certain fighter-bomber like
configurations; and the hypothesis that the addition of geometric complexities to a basic
configuration can be treated with differences between appropriate paneling method solu-
tions, and that the primary transonic effects generated by these configurations are due
to the wing, the following nonlinear correction procedure is suggested for solution
decomposition to account for various geometry modifications of a basic configuration.

For pylon addition to a basic wing~body, we have

R (Y S (O I (S @
3.WBP)yin 3,WB Lin 3,WB NL

where (¢3,wpp);;, and (¢3,wB) in denote paneling method solutions for the wing-body/pylon
and wing-ﬁody &igne configura&ions, and (¢3,yp) denotes a nonlinear 3-D transonic finite-
difference solution for the wing-body alone.

A similar decomposition has been employed with success in reference 15 to model
geometrically-complex fuselage effects on wing pressures at transonic speeds. The primary
point is that as long as detailed transonic effects are not required on the modeled com-
ponent, then such a procedure is capable of providing good representations of the primary
lift and volume effects of the modeled component upon the remainder of the flow.

For the pylon addition to the wing-body, we have tested this decomposition experi-
mentally by comparing the difference in results for flow quantities for the wing-body/pylon
and wing-body alone as measured and as predicted by the paneling method solutions. In
Figure 16, we provide such a comparison for the differences in the three velocity compo-
nents for a wing pylon addition at a flow survey directly under the pylon (y.z) = (3.5,
~1.23) inches for M, = 0.950 and a = 0°. The axial locations of the wing and pylon lead-
ing and trailing edge are denoted by LE, TE and PLE, PTE, respectively. We note that, as
in the case of the wing-body alone, the paneling solutions provide good predictions of the
upwash and sidewash components, but display a familiar discrepancy in the axial velocity
component in location and magnitude of the compression in this case near the shock by the
pylon trailing edge. A similar but somewhat milder discrepancy is illustrated in Figqure 17
which displays the corresponding comparisons for the wing-body with fuselage pylon.

In order to examine the magnitude of the nonlinear correction (03.WB)N& to the com-
1

posite solution, we have determined a number of nonlinear 3-D transonic small-disturbance
solutions for the wing-body alone both to provide some benchmark solutions to compare
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against the other theoretical solutions, as well as to input into the composite solutions
given by Eq. (3) to determine wing-body/pylon solutions. For these solutions, we employed
the 3-D transonic small disturbance (TSD) procedure of reference 16 which is based on the
procedure originally developed by Bailey and Ballhaus (Ref. 17). Figure 18 provides a
comparison of theoretical results and data for the three velocity components at (y,z) =
(4,-1) inches for M, = 0.950 and a = 5°. The agreement for all three velocity components
is quite good, capturing the transonic effect on the axial velocity component and also
providing an additional indication that tunnel interference effects at this Mach number
are minimal, as the theoretical results are for a free-air boundary condition.

The effect of the 3-D nonlinear correction for this flow field is provided in Figure
19 which displays a comparison of theoretical and experimental results for local upwash
and sidewash for the wing-body with wing pylon at a flow survey location directly under
the wing pylon (y,z) = (3.5,-1.98) inches. The theoretical result with the nonlinear
correction is indicated as the solid curve, while the corresponding paneling method result
is shown as the dashed curve. Both predictions compare quite well with data, with the
nonlinear results somewhat superjor. The importance of these differences in the theo-
retical lateral velocity predictions to the store loading determination are discussed in
the following section.

3.5 Store Loading Method

The current procedure employed for determining store loading distributions is
described in detail in reference 1. The method proceeds by first determining the non-
uniform flow field due to the parent but with the store absent. The loading distribution
on the store is then determined by locally employing apparent mass concepts together with
the nonuniform crossflow velocity components at the locus of points corresponding to the
position that the longitudinal axis of the store would occupy in the flow. The procedure
accounts for buoyancy due to streamline curvature as well as local slender-body loading,
and a viscous crossflow correction to account for vortex separation can be included. Such
a loading determination procedure avoids the time-consuming integration of surface pres-
sures, and has proven to be quite accurate for the many subsonic applications carried out
to date (Refs. 1, 3-5).

Application of this procedure employing the ogive/cylinder store model and the theo-
retically-generated flow fields illustrated in Figure 19 provides the normal dCyn/dxg and
sidewash dC,/dxg loading distributions shown in Figure 20 for a store location directly
under the wing pylon at M_ = 0.950 and a = 5°. The results indicate little difference in
loading when employing the 3-D nonlinear corrected flow field or the linear paneling
method flow field, presumably since the loading method only makes use of the lateral
velocity gradients for which Figure 19 indicated no substantial differences. Comparison
of the theoretical results with data indicates generally good agreement except in the
vicinity of the large gradient near the pylon trailing edge. That deficiency in a high-
gradient region is demonstrated more clearly in Figure 21 which provides a comparison of
measured and theoretical normal force loading distributions for simulation of a store
separated from a wing pylon at M_ = 0.950, o = 0°, and (y,2) = (3.5,-1.45) inches. At
a = 0°, discrepancies are present in the regions near both thce pylon leading and trailing
edge, while at a = 5° the deceleration of the flow has eliminated the discrepancy at the
pylon leading edge and reduced but not eliminated that near the pylon trailing edge.

These comparisons serve to identify two deficiencies of the present loading calcula-
tion procedure as applied to transonic flows; i.e., (1) the procedure cannot handle steep
gradients in the parent-generated flow field accurately, and (2) the method does not
account for store-induced transonic effects.

The importance of the latter effect is shown in Figures 22 and 23. Figure 22 dis-
plays data-only results for measured local upwash at M_ = 0.925, 0.950, and 1.050 for a
flow survey location directly under the wing pylon at a = 0° and 5°. These results
illustrate strong transonic effects near the pylon trailing edge which are greatest for
M, = 1.050 and more pronounced at a = 0° than at a = 5°, as would be expected due to the
slowing of the flow. Figure 23 displays the measured loading distribution when the store
is placed in the flow in such a manner that the store longitudinal axis corresponds to
the flow survey location of Figure 22. Note that the transonic effects are strongest
near the pylon trailing edge and for a = 0° as would be anticipated from Figure 22. How-
ever, the measured normal-force gradient is strongest for M, = 0.950 rather than 1.050
where the measured flow field-gradient is largest. This is assuredly due to the local
transonic effects on the relatively large store employed - which would be greatest at a
strong supercritical oncoming Mach number, but would disappear at lower or higher Mach
numbers. This is verified by the fact that the phenomenon has almost disappeared when
the angle of attack is changed from 0° to 5°, which acts to slow the flow significantly on
the pressure side of the wing and substantially reduce the local transonic effects induced
by the store itself.

We have recently developed a modification to the loading calculation procedure to
account for store-generated transonic effects by applying the transonic equivalence rule
to the store alone and accounting for storae-induced transonic effects on the crossflow
velocity components in the loading calculations. This result will be reported in detail
in a future publication.

An indication of the magnitude of this improvement is provided in Figure 24 which
displays a comparison of the difference in the pitching moment coefficient Cn, variation
throughout the transonic regime when including and not including store-generaged transonic
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effects. The results indicated in the bottom plot are for an ogive/cylinder store similar
to that considered in the wing-body tests, but of 5 caliber rather than 8.5 caliber length.
These results were carried out for uniform free-air flow past the store-alone, for which
the previous method without parent-generated flow field curvature reduces to the slender-
body result. The effect of this modification to the loading calculation has an even more
dramatic effect when boattailing (and/or fins) are employed on the rear of the store.

That change in pitching moment for a boattail addition is also indicated in Figure 24 for
a 1/2 caliber conical boattail.

3.6 Ancillary Theoretical Developments

Two important\ancillary theoretical developments, which were partially-developed
under the present effort and which, although important in their own right, will have a
significant effect on the future development of theoretical external store predictive
methods. The first is a rapid perturbation method for predicting nonlinear transonic
flows and impacts on the 3-D nonlinear correction method discussed in section 3.4 in that
it would minimize the number of computationally-expensive 3-D nonlinear finite-difference
solutions that would be reguired for a particular parametric or design study.

The procedure employs two "expensive" nonlinear solutions separated by some reasonable
change in an arbitrary geometric or flow parameter to predict a range of neighboring non-
linear solutions at trivial computational cost. The method uses coordinate straining to
account for displacement of discontinuities or rapid but continuous high-gradient maxima.
It has been applied to a variety of 2- and 3-D problems (Refs. 18 and 19) to predict
surface properties. Reference 19 provides a summary of a wide variety of nonlinear sub-
sonic and transonic flow applications. 1In particular, a number of transonic examples
with large surface shock movement over the parametric range considered are provided. The
results display a remarkable accuracy.

Figure 25 displays an application of that method to the prediction of the 3-D tran-
sonic flow fields about the wing/pylon combination for which results were previously
provided in Figure 19 employing the nonlinear 3-D correction method. 1In Figure 25, we
have used the composite 3-D nonlinear correction solutions (see Eq. (3)) for the local
upwash oy at M, = 0.950 and a = 0° and 5°, given by the dashed (---) and dash-dot (----)
curves, respectively, to predict the corresponding result at o = 2°, indicated by the
solid (——) curve. That theoretical result is meant to be compared with the data points
indicated by the crosses (x ). Agreement is excellent.

The other development relates to a transonic wind-tunnel interference assessment
procedure which can provide the means for evaluating the effect of tunnel walls on data
taken about parent/external stores configurations. An effective means of accounting for
wind tunnel effects can be particularly important to store certification programs which
rely heavily on tunnel programs to provide information for flight tests.

The cébncept is to obtain experimental pressure measurements during a tunnel test
program on a convenient control surface located somewhat inward from the actual tunnel
walls so as to be removed from local wall disturbances. These conditions are then
employed in a computational procedure to determine the potential flow about the model
interior to the control surface. Results for two-dimensional (Ref. 20) and axisymmetric
{Ref. 21) flows have demonstrated the effectiveness of the procedure for accounting for
tunnel interference effects. Although we have not yet carried out the full 3-D tunnel
interference calculation for the wing/body model tested, we have performed a series of
calculations in which we approximately assessed tunnel interference present in the
initial 4T wing-body alone test (Ref. 6).

For those calculations, we replaced the 3-D wing/body by its equivalent body of
revolution determined from the actual wing/body axial area distribution., Measured pres-
sure distributions obtained along a cylindrical control surface located 14.1 inches from
the tunnel centerline (max. distance for the CTS) at several Mach numbers and for o = 0°
were employed as an outer boundary condition in a nonlinear axisymmetric TSD calculation
for the interior potential flow. Results are shown in Figure 26 for the surface pressure
coefficient along a portion of the equivalent body corresponding to the location of the
leading and trailing edge of the wing root chord for flow at M, = 1.025. The closed
circles indicate the results employing the measured outer boundary condition, while the
x's represent the corresponding results using a free-air outer boundary condition. The
difference between the two provides an indication of the level and location of the
interference present.

The comparisons shown in Figure 26 indicate that for M, = 1.025 essentially no inter-
ference exists over most of the axial locations corresponding to the wing root chord,
denoted by LE and TE, with the exception of the vicinity near the trailing edge. Analogous
comparisons at M_ = 0.975 displayed similar results with even less discrepancy near the
wing trailing edge, while that at M_ = 0.925 showed no discrepancy at all between the
free-air results and that employing the measured pressure-distribution outer boundary
condition. This is in exact correspondence with the experimental results obtained from
the 4T ard 16T tests as indicated in Figure 10. Consequently, even this rather approxi-
mate use of a measured outer boundary condition for assessing wind tunnel interference
about a 3-D configuration can provide important information regarding the location and
magnitude of wall effects.

:




4. CONCLUDING REMARKS

A review has been presented of a combined experimental/theoretical investigation of
transonic flow fields about aircraft with application to external stores. The objective
of the work has been firstly on the development and verification of a theoretical method
for the computationally-efficient determination of nonlinear three~dimensional transonic
flow fields due to modern fighter-bomber like configurations, accounting for fuselage/
wing/pylon components; and secondly, on the accurate determination of loading distribu-
tions on external stores. An extensive companion experimental wind-tunnel test program
based on an idealized F-16 model was carried out in order to provide the essential data
base to verify the theoretical method. The data obtained from that program include
decailed pressure and velocity component measurements of the flow fields, surface pres-
sures on the wing-body fuselage and external store, and wing-body forces and moments.
These have been taken in a systematic component buildup from wing-body alone, wing-body
plus wing or fuselage pylons, wing-body/pylons plus attached stores, wing-body/pylons
plus separated store, and store alone; and represent a generic data base of detailed
three-dimensional transonic flow measurements about a simplified wing-body combination
zhich has not been previously available. Consequently, they are of significant general
value to 3-D transonic modeling efforts.

Development of the theoretical flow field predictive method has proceeded through a
series of three successively more accurate, but computationally more expensive models,
beginning with procedures based on the classical transonic equivalence rule, then to an
extended transonic equivalence rule in which the linear 2-D crossflow solutions were
replaced by linear 3-D solutions obtained by paneling methods, and ultimately to the non-
linear 3-D correction procedure currently being employed. In the latter procedure, the
full geometry effects of the wing-body/pylon configuration are accounted for by employing
linear 3-D paneling method solutions, while the essential 3-D nonlinear effects, which are
primarily due to the wing, are accounted for through a nonlinear correction using a 3-D
finite-difference solution of the nonlinear transonic small-disturbance equation for the
wing-body alone. Extensive comparisons of predictions from each of these theoretical
methods with data from the companion experimental program have been made (Ref. 7) and
typical examples of those comparisons have been presented here. One of the notable
results of these comparisons determined from a large number of comparisons at a variety
of flow conditions throughout the transonic range, is the reasonably good predictions of
the lateral velocity components (sidewash and upwash) as predicted by the 3-D linear
paneling methods for the wing-body and wing-body/pylon configurations considered. Similar
comparisons for the longitudinal velocity component, however, consistently show a large
discrepancy between the 3-D linear solution and data in the regions near shock waves, as
might be expected. For that velocity component, the nonlinear correction is significant
and must be included.

Extensive comparisons of theoretical results and data for loading distributions on
the external stores immersed in the nonuniform wing-body/pylon flow fields have also been
made at a variety of flow conditions throughout the transonic range (Ref. 22) and typical
results of those comparisons have been presented. While in good overall agreement, these
comparisons have served to point out deficiences in the current loading determination
method when applied to transonic flows. These relate to the inability of the method to
account accurately for (1) high-gradient regions - either transonic or otherwise; and
(2) store-generated transonic effects. Preliminary results of an effective method for
successfully treating the latter are presented.

Finally, two ancillary theoretical developments; (1) a rapid perturbation method for
predicting nonlinear transonic flows, and (2) a wind tunnel interference assessment pro-
cedure, that were partially developed under this effort, were described insofar as they
relate to the present external store problems. Preliminary applications of these methods
indicate that (1) the perturbation method can provide an effective means for obtaining
related nonlinear 3-D flow fields, thereby substantially reducing the computational
requirements for a design or parametric analysis, and (2) a wind tunnel interference
assessment procedure based upon employing measured pressures on an outer control surface
can successfully indicate both level and location of tunnel wall effects.
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AERODYNAMIC SUBSONIC/TRANSONIC AIRCRAFT DESIGN STUDIES
BY NUMERICAL METHODS

Wolfgang Schmidt

Dornier GmbH, Theoretical Aerodynamics Dep.
D-7990 fFriedrichshafen, Germany

SUMMARY

The need and use of computational aerodynamics in the design of aircraft and missile configurations in
steady flow conditions is explored through several examples. These include aircraft and missile synthesis
programs for predesign and evaluation work of aircraft and missile weapon systems, subsonic and transonic
airfoil and high 1ift design, subsonic and transonic invicid and viscous wing and aircraft design in-
cluding leading edge vortex flows, aircraft-engine integration and threedimensional flows with separation.

Use of these numerical and semi-empirical methods can substantially increase airplane performance capa-
bilities while reducing risk, flow time, and testing requirements and thus total cost. The capabilities
of current aerodynamic methods are demonstrated by comparison with windtunnel-results and by case studies.

INTRODUCTION

Aircraft development costs have escalated exceedingly within the last four years, Greater emphasis must
be placed on exploring analytically and experimentally new configuration concepts aimed at substantially
expanding airplane performance capabilities. The present state of the art in aerodynamic analysis and
design requires extensive configuration iterations through repeated wind tunnel testing that is costly,
time consuming, and relies heavily on inhouse experiences and expertise. Significant advances have been
achieved recently in aerodynamic computational methods which allow the numerical computation of flows
around three dimensional configurations and provide valuable guides to those seeking understanding of
specific problems or those pushing innovative design concepts.

At Dornier a selection of numerical and semi-empirical methods in fluid mechanics has been established
which have application to the analysis and design of general aviation and transport aircraft as well as
fighter type configurations and missile weapon systems in the subsonic and transonic speed regime. A great
amount of effort and emphasis has been placed on the validation of these methods and on establishing
limits in applicability. Results to date have been encouraging and the use of those methods can provide

a substantial reduction in time as well as cost to achieve a good design.

This paper adresses to the validity and application of current aerodynamic sizing programs, subsonic
high Tift airfoil and wing analysis methods, transonic inviscid and viscous airfoil and maneuver slat/
flap codes, program systems for subsonic and transonic viscous threedimensional flows, engine inlet/
airframe integration, buffet onset prediction, and delta wing and strake flow analysis by nonlinear
potential flow models.

DESCRIPTION OF COMPUTATIONAL AERODYNAMIC METHODS

A large selection of computational methods are available that have broad application to the analysis and
design of general aviation, transport, and fighter aircraft as well as missiles flying in the subsonic
and transonic speed regimes. A thorough review of these methods will not be given here since the back-
ground literature is easily accessible. On the other hand, their main feature pertinent to the work
presented herein are briefly discussed.

Aircraft Synthesis Systems

Three different package. are available at Dornier to design and size aircraft systems, see Ref. 1, 2, 3.
The block diagram of method [3] given in Figure 1 is more or less representative for aircraft design pro-
cedures, Based on a minimum set of information about mission requirements and aircraft size as well as
basic aircraft geometry configuration studies, trade-offs and optimizations can be performed. The aero-
dynamic characteristics within this program are determined by a semi-empirically based computer program,
Ref. 4, which is an improved and extended version of Ref. 5. This method evaluates rapidly and accura-
tely the aerodynamic Tongitudinal characteristics of general aviation, large, and fighter aircraft from
takeoff through landing and through the subsonic, transonic, and supersonic speed regimes. It calculates
Tift, moment and drag characteristics at both low- and high-1ift conditions, including the effects of
ground proximity during landing and takeoff, as well as buffet onset boundaries.

As input only the configuration geometry and the flight condition are needed, however, user supplied da-
ta can be used internally. The program includcs the capability of analyzing both fixed-wing and variable
sweep-wing configurations as well as strake-wing and supercritical wing designs.
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Missile Synthesis System

A similar comﬁuter package is used for missile design, Ref. 6. A variety of different missite configura-
tions can be handled by the program whose block diagram is depicted on Fig. 2. The aerodynamic character-
istics within this package are again determined by a semi-empirically based computer program, Ref. 7,
which is specially taylored for slender missile configurations. This method evaluates very rapidly the
aerodynamic longitudinal characteristics of missiles from 0 to 90 degrees angle of attack and roll through
the subsonic, transonic, and supersonic speed regimes. For hypersonic speed the angle of attack range is
restricted to attached flow. As input only the configuration geometry and the flight condition, are
needed. The program includes the capability of analyzing wings and tails in +, X, as well as interdigi-
tated positions. Bodies can consist of different axisymmetriC sections and for wings also flaps are per-
mitted.

Subsonic Airfoil and High Lift Systems Design

Several two-dimensional subsonic methods have been developed, by various organisations, which are able
to analyse viscous single and multiple element airfoil flow up to maximum 1ift, e.g. Ref. 8, 9, 10. All
three methods are in use at Dornier since the physical models used are quite different.

The method of Grashof [8] at present is restricted to the analysis of twodimensional airfoils in viscous
incompressible steady flow with or without separation. For this theory two properties of such flows with
dead air regions are of basic importance:

- én the separated flow a pressure distribution appears which is typical for dead air flows, e.g.
p= const

- between the dead air region and the distant wake a relatively narrow region exists, where the ve-
locities vanish in time average (free stagnation point)

The physical flow is modelled by three zones, Fig. 3

- the inviscid and an irrotational external flow
- the boundary layer flow
- the dead air flow

These three zones interact mutually. The events within the dead-air region are not studied in detail, but
only their integral reaction upon the external flow is considered. The influences of the boundary layer
and of the dead air upon the external flow are simulated by a fictitious body. Within the attached flow
region the physical body is thickened by the displacement thickness of the laminar or turbulent boundary
layer. Downstream of the separation point a fictitious contour has to be constructed such that the poten-
tial flow over this body is just causing that pressure distribution which is typical for dead air flows.

Therefore in potential flow a mixed boundary value problem has to be solved. The rear stagnation point
in this idealised flow corresponds to the free stagnation point in the real flow and coincides with the
trailing edge of the fictitious body extension.

The method of Jacob [9] can be applied to simuiate the viscous flow over systems of up to five airfoils
in almost incompressible (M. < 0.20) flow including multiple separation on the upper surface. The method
verifies a three part flow model

- attached flow or flow with short separation bubbles
- "open separation" regions
"closed separation" zone

The attached flow is computed as the converged solution of the potential flow and the laminar or turbu-
lent boundary layer including transition and short separation bubble treatment. The "open“-type separa-
tion is simulated by typical source distributions (from numerical experiments) which simulate a dead air
region with nearly constant pressure. Only past the last airfoil section in streamwise direction a closed
separation zone is constructed by sinks and sources. The potential flow models are solved by a superpo-
sition of basic solutions. The boundary layers are computed by integral methods. No special attention is
given to confluent layers.

The method of Leicher [10]) is the most general one, as far as the range of airfoil systems and the types
of separation are concerned. In contrast to the preceeding ones, this method does not model the separated
region as a dead air region by a potential flow model, but computes the displacement thickness of the
separated boundary layer. A subsonic compressible twodimensional panel method and a set of boundary layer
programs are connected with each other by the surface transpiration or equivalent source concept. By
sucessive application of both programs finally a converged viscous flow analysis is available. Drag is
estimated on the basis of the Squire and Young formula correlating the momentum losses to drag.

A1l boundary layer methods used are of integral type. The laminar code is a twodimensional version of
Stock's general compressible laminar boundary layer integral method [11]. Transition can either be spe-
cified by input or is estimated by a modified empirical Michel correlation. Laminar stall as well as
short laminar separation bubbles are included. For attached turbulent boundary layers Nash's method is
used. Turbulent separation is modeled within the turbulent boundary layer method by semi-empirical
assumptions as well as reattachment. Confluent boundary layers are treated identically as in Goradia's
program, Ref. 12.
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Ihree-Dimengional Subsonic Potential Flow-Methods for Arbitrary Configurations

A computational method has been developed in Ref. 13 that can treat arbitrary subsonic three-dimensional
potential flows including inlet flow fields. This is a linear method solving Laplace's equation satisfy-
ing exact boundary conditions based on Ref. 14 and 15. In this approach the velocity potential at any
point in a flow field is expressed in terms of the induced effects of source and doublet {or vortex)
sheet distributed on the boundary surfaces. The configuration surfaces are divided into panels, and hence,
this approach is known as a panel method. Essentially, this is a general three-dimensional boundary value
problem solver that is capable of being applied to most problems that can be modeled within the limita-
tions of potential flow. Compressibility effects are approximated by the Goethert rule, and thus analysis
of transonic flow is not possible with this method. Viscous effects can be represented by the surface
displacement or transpiration concept. An improved higher order method [16]) is available as a pilot code.
These methods are ideally suited for analyzing complex aircraft configurations in subsonic flow.

Three-Dimensional Vortex Lattice Method for Arbitrary Configurations Including Vortex Lift

A method based on vortex lattice theory has been developed at Dornier that can be applied to the combined
analysis, induced drag optimization, nonlinear vortex 1ift (based on Polhamus Analogy) computation, and
Jjet simulation of threedimensional configurations of arbitrary shape [17], [18]. This is a Tinear method
solving Laplace's equation satisfying thin wing boundary conditions on the camber surface and optionally
curved wake influence. The optimization process utilize the method of Lagrange multipliers. Compressibi-
lity effects are approximated by the mass flux rule. Its ease of use, high computational speed, and de-
sign capability make it particularly valuable in evaluating design variations, arriving at optimized
configurations, and designing new wing camberline shapes.

Three-Dimensional AIC Methods for Wings with Leading Edge Vortex Separation

The flow at the leading edge and tip edges of a swept wing with sharp edges separates at moderate to
high angles of attack, the separation producing vortex sheets that roll up into strong vortices above the
upper surface of the wing. The formation of these vortices is responsable for the well known nonlinear
aerodynamic characteristics exhibited over the angle-of-attack range. Several theoretical methods are in
use to predict these characteristics. While the leading-edge-suction analogy as used in Ref. 18 and al-
ready described in the preceding chapter is well suited for total force and moment prediction, more
sophisticated methods are necessary to predict detailed pressure distributions and flow fields above
swept wings with leading-edge vortex separation. The use of vortex lattice concepts with free vortices
in Ref. 19, 20, 21 led to methods which reasonably well predict the vortex cone location, but still do
not produce good detailed flow fields. Only the application of a new, general, potential flow computa-
tion technique as described in Ref. 22, 23 led to reasonable solutions. Based on this foundamental work
efforts are going on at Dornier, Ref. 24 to establish an accurate and reliable method for flow field
prediction with free vortex flow. The essential elements of these flow models are depicted on Fig. 4. On
all surfaces the flow most be parallel to the configuration. The trailing edge sheet (wake) is either
frozen or aligned with the local flow, the free sheets emerging from the wing leading edge and tip are
force free, the fed sheet is an extension of the free sheet, and feeds vortici* to the vortex core.
Kutta conditions are imposed along the appropriate leading, side, and trailing edges of the wing in the
presence of free sheets emanating from these edges. Bi-quadratic doublet distributions are used as
singularity-types.

Wing Characteristics with and without Flaps in Viscous Subsonic Flow Including Separated Regions

In the past extensive evaluation of experimental data has been performed to establish the semi-empirical
method in Ref. 25 for the estimation of 1ift distribution, total 1ift, moment and drag coefficients for
moderate to high aspect ratio wings with and without flaps up to maximum 1ift.

Starting from either experimental or theoretical airfoil section characteristics beyond maximum 1ift the
semi-empirical correlations are used to construct wing section characteristics which include planform,
flap and other three-dimensional geometrical effects. In the next step a 1ifting 1ine method is used
iteratively to correlate the spanwise effective angle of attack and the local 1ift coefficient in agree-
ment with the wing section characteristics. Body effects are included through its influence on 1ift dis-
tribution. Finally, the local 1ift coefficients are used to compute from the corresponding wing section
characteristics moment and drag coefficients. The method has to be applied very carefully, especially if
planform shapes are used which exceed the configurations being used for establishing the empirical corre-
Tation airfoil-wing section characteristics.
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Three-Dimensional Viscous Body Flow Field Analysis

A general threedimensional boundary layer method has been developed at Dornier that can analyse either
laminar or turbulent compressible flows on arbitrarily shaped wings and bodies in curvilinear nonortho-
gonal coordinates Ref. 27, 28, 29.

The laminar method is not restricted to small crossflow. For the evaluation of the integral thicknesses
one parameter velocity profiles for the main stream direction and two parameter velocity profiles for the
cross-flow direction are used. The one parameter profile family is based on the similar solutions of the
boundary layer equations, the two parameter profile family results from a polynomial expression, where

no boundary conditions of the Pohlhausen type (direct relation to gradients of flow properties at the
outer edge of the boundary layer {compatibility condition}) are applied. The x- und y-momentum and the

x- and y~moment of momentum integral equations are used for the solution. Only for the case of orthogonal
coordinates 1st order moment of momentum equations are introduced. They result from the x- and y-momentum
equations, which are multiplied by the velocity components u and v, respectively before the integration.
For non-orthogonal coordinates lst order moment of momentum equations do not produce solutions even when
multiplying the momentum equations by linear combinations of the velocity components u and v. For curvi-
linear, non orthogonal coordinates 2nd order moment of momentum equations are developed, where the mul-
tiplication is done by the square of the resultant velocity 0. Since these equations are much more
complicated, the lst order equations, which concern only the orthogonal case, are used for these problems.

1

; The turbulent integral method has been developed at Dornier following ideas of Myring and Smith. The
streamwise profiles are represented by Coles profiles, the cross-flow profiles by Mager or Johnston pro-

{ files. Skin friction is computed directly from the velocity profiles. The influence of compressibility

: is accounted for by applying Eckert's reference temperature concept. The equations finally solved are

the x- and y-momentum equation and the entrainment equation (equilibrium entrainment). To provide for

non-equilibrium entrainment lag entrainment has been included. Both methods have been testes extensively

: against finite difference methods, other integral methods and experimental results and have proven to
. be very reliable and fast tools.

E To provide the inviscid outer flow field as output to the boundary layer program, interface programs are
used to transfer the corresponding data from the inviscid method to the boundary layer program and vice
versa. The inclusion of boundary layer technique into the analysis of transport and fighter aircraft de-
sign provides for a better representation of the real flow field for determining wing pressure, but also
enables more accurate drag estimates to be made as well as estimates of maneuver-boundaries.

More recently there is increasingly interest in numerical solutions of the Navier Stokes equations to si-
mulate flowfields with separation. In Ref. 26 a threedimensional steady Navier-Stokes solver is presented
which applies to the vorticity formulation. The higher order finite difference approximation is charac-
terised by a free parameter derived from an exact solution of the linear form of the Burgers equation.
This parameter balances the convective part of the difference equation thus causing an upwind {convective)
scheme for large and a centered (diffusive) scheme for small cell Reynolds numbers. At present the appli-
cation of this method is restricted by its extensive CPU-time for three-dimensional cases.

Safe Release and Flight Path of External Stores

Present day fighters have to perform missions carrying quite different external stores under wing and
fuselage. Those external stores not only influence the aerodynamics of the carrier, but also cause prob-
lems during release. A set of computer programs has been developed at Dornier [31] which reasonably well
predicts as well safe release under disturbances and carrier dynamics as delivery characteristics. The
carrier interference effects on the store load are computed by a modified semiempirically corrected
singularity method, while the store aerodynamics are taken either from experiments or the missile aero-
dynamics program of Ref. 7. Carrier and store dynamics are simulated by a 6 DOF-program. Main purpose
of this prediction method is to reduce the total amount of wind tunnel testing and flight test to va-
lidate the flight envelope permitted under carriage.

Two-Dimensional Methods for Transonic Airfoil and Cascade Analysis/Design

Several two-dimensional transonic methods have been developed or evaluated at Dornier, which are able to
analyse airfoils or cascades [32], [33], [34], [35], [36]. The TSP-methods are highly improved by the mass-
flux formulation {34] even for thick airfoils and have demonstrated its usefulness in as much as analysis
and mixed analysis/design problems can be solved including viscous effects based on the displacement
thickness as well as unsteady transonic flow for flutter prediction [35]. Flow time as well as computer
costs are fairly small. The full potential methods are superior at high angle of attack and for analysis/
design in the leading edge region. Jameson's FLO6 [16] has proven to be very accurate and fast due to his
fast solver but is lacking flexibility due to the circle plane mapping involved. There is some indication
that the finite volume techniques like the flux finite element method [37) for the full potential equation
or the quasi-time dependent method [38] for the Euler eq. are the more interesting ones as far as the
engineering environment to support and guide a design process is concerned. An advantage of the finite
voiume Euler method is the accuracy over the whole speed regime from subsonic to supersonic free stream
Mach numbers even for flow with strong shocks.

. A finite volume method for the solution of the two-dimensional time - averaged Navier Stokes equations is
B under development at Dornier [39] but more work has to be done to make it useful for practical design.
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Two-Dimensional Methods for Transonic Multielement Airfoil Analysis/Design

As a joint venture between Saab and Dornier a numerical method has been developed for the analysis and
mixed analysis/design mode of two-dimensional transonic flow around twoelement airfoil systems [40],
[ﬁl] Arbitrarily shaped airfoil sections can be treated through the use of a series of conformal map-
pings. The physical domain outside the two sections is mapped into the ring domain between two concen-
tric circles, the interior of the outer circle being the exterior of the main airfoil and the exterior
of the inner circle being the exterior of the secondary airfoil. Within this ring domain the flow field
is computed solving the nonconservative full potential equation by means of Jamesons rotated difference
scheme and SLOR in combination with nonlinear extrapolation and multigrid technique. Viscous flow is si-
mulated by coupling the inviscid code to a set of boundary layer methods [38].

Two-Dimensional/Axisymmetric Methods for Transonic Inlet Flow Fields

Two different methods are being used at Dornier, one developed at Saab [43] to rompute the transonic flow
around axisymmetric inlets for a prescribed mass flow ratio. The inlet consists of an initial part of
arbitrary geometry which is continued to downstream infinity as a straight circular tube. With a sequence
of conformal mappings and a final coordinate stretching the whole exterior and interior flow field is
mapped to a rectangular domain in which the full potential equation is solved using type-dependent line
relaxation. The second one is the Dornier-developed finite volume method for calculating axisymmetric and
plane pitot-type inlet flow fields at supersonic as well as subsonic free stream Mach numbers [44]. This
second order accurate time dependent method solves the Euler equations in integral conservation-law form,
The equations are written with respect to a cartesian coordinate system in which at supersonic speed a
body and bow shock fitted mesh adjusts in time to the motion of the bow shock that is automatically
captured as part of the weak solution. At the compressor entrarce plane inside the cowl static pressure
is prescribed as subsonic boundary condition. The method can treat arbitrary lip shapes and is presently
being extended to a threedimensional version. The integration of the pressure distribution from the inlet
throat to the crest will provide valuable data for the drag estimation as long as no large viscous ef-
fects are apparent.

Three-Dimensional Transonic Potential Flow Methods

Several three-dimensional transonic potential flow methods have been developed, by various organizations,
which are able to apalyse either isolated wing or wing-body combinations '45], [46), [«7], [48], [49],
[51] Evaluation of the methods developed at Dornier [46], [50], the methods developed as a joint venture
with FFA, Ref. 48, 51, and a Dornier version of FL022 indicate that the three-dimensional Dornier TSP-MF
method based on the mass flux concept is a useful design tool, in as much as arbitrary fuselage shapes
can be modeled, analysis as well as mixed analysis/design problems can be solved, shock strength as well
as positions are well predicted, and the low computer cost in combination with the highly automated in-
put provide the basis for a method to be used in the engineering environment. On the other hand the lack
of dense mesh spacing in the nose region imply use of grid embedding as described in Ref, 51. FLO22 quite
often is giving fairly good agreement with experimental results, but it should be kept in mind that this
method is not conservative and neither does give correct drag data nor correct viscous results if a boun-
dary layer method is coupled. The detailed two-dimensional studies indicated that the approach of using
finite volume techniques to solve either the full potential equation or the Euler equations are the most
promising ones for complex three-dimensional flow computations. A pilot code on Euler has been completed
[52], on the full potential equation is nearly completet [S53].

Buffet Onset Prediction for Wings

Some years ago a light buffet prediction method has been developed at Dornier as outlined in Ref. 54. A
buffetinz coefficient is defined which is directly related to the rms value of the wing root bending
moment. Assuming that Tocal 1ift oscillations are caused by flow separation and are proportional to the
Yength of the separated flow at a spanwise station, this buffeting coefficient is set equal to the in-
tegral evaluated along the wing span of the product of local separation length and the distance from

the wing roots. Based on empirical correlations it was found that light buffet is reached if this buffet
coefficient is equal to 0.1. Separation length versus span can either be estimated by stripwise appli-
cation of two-dimensional transonic and boundary layer methods or fully three-dimensional viscous flow
simulation 1ike in Ref. 50.

The 1imit of this method is reached if no longer the relationship between separation length and the rms
value is valid. To avoid this problem in Ref. 50 a semiempirical approach is included based on working
plots established by evaluating experimental data, These plots include the influence of geometrical and
aerodynamic parameters on the buffeting behaviour of wings.
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APPLICATION OF METHODS
Aerodynamic Sizing Program for Aircraft

Aerodynamic sizin? programs are hi?hly important tools in the initial phase of configurations studies. Their
Tow cost, input simplicity and reliability in use prove them very useful for project engineers. However,
aerodynamicists carefully have to survey the application since the integrated program system is based on
semi/empirical methods for the components, which implies a limitation in the configuration space. To

improve accuracy input of specific aerodynamic characteristics is allowed as soon as data are available
either from experiments or more accurate methods. On Fig. 5 a redesign of the F4 Phantom is shown, only
based on a three-side view and an adjustment in C_ max based on experience with an other fighter. The
aareement looks fair.

Aerodynamic $izing Program for Missiles

Although missile configurations look much simpler in geometry than aircraft, their aerodynamics are highly
nonlinear and very hard to predict. However, the present semiempirical prediction code proves to be very
general in application and fairly accurate. This method not only is used for performance prediction but
also for store separation. Moment characteristics imply the limitations of this method, especially in the
range of 20 < a < 70 degrees. But even other much more sophisticated methods suffer from inaccuracy in
this angle of attack range.

Due to it's generality and input simplicity as well as very low cost this method is used widely. Again,
the final accuracy can be improved by input of component characteristics if available. On Fig. 6 a typical
example for a canard controlled configuration is portrayed. While 1ift and drag look very good, the mo-
ment curve has some deviation in magnitude. No fitting has been applied to this case.

Subsonic High Lift Section Analysis

The performance of subsonic mechanical high-1ift devices is of high importance for the overall economy
and operational efficiency of present day general aviation and transport aircraft. Although a lot of ex-
perimental data is available, and thus sizing can be applied by modifying existing configurations, theo-
retical tools are important and needed. However, due to the complexity of the flowfield with a variety of
separated regions all component methods are suffering from modelling. Therefore different methods with
different models are used at Dornier to get different results from different points of view.

Grashof's method is presently restricted to single element airfoils, but the flow model used seems to be
reliable and accurate. A comparison with experiments is depicted on Fig. 7. Although pressure constancy
in the separated region is not prescribed explicitly, the agreement is good.

For Jacob's method different comparisons are known from his publications, even with ground effects. In
the present paper only a comparison of results for a three- and four element configuration is shown to
indicate the value of such a method for understanding slat efficiency. The four element is_the same as
the three element one, but with slat. The decrease 1n the pressure peak on the main airfoil and the $1rst
flap is nicely shown. Almost no influence is indicated on the second flap.

For Leicher's method various comparisons are found in Ref. 10, but the separation modelling has been im-
proved recently to provide better results for flows with large separated regions.

Subsonic Panel Methods

Panel aerodynamic methods have been used at Dornier since 1971. During this time period, the panel method
has been validated as a very reliable tool in predicting the aerodynamic characteristics of airplanes ope-
rating at subcritical Mach numbers. More recently the handling of such programs has been highly improved
by semi-automatically generated paneling using CADAM-software as depicted on Fig. One interesting ex-
ample of its use has been on the initial design phase of the Alpha Jet [13]. A tpyical example showing
isobars is depicted in Fig. 1. In this example, main emphasis has been given to the design of the channel
between the wing lower surface, the body side and the engine inlet.

The panel methods can also be used to study the mutual interference between different components including
the engine inlet for different engine conditions. Panel arrangement and results in comparison with wind
tunnel experiments are portrayed in Fig. 2.

Such results provide very accurate information for local design modifications, while only final selected
ones are tested in the wind tunnel to verify predictions.




Yortex Lattice Methods

Vortex lattice methods are very easy to handle and fast tools for design studies, not only for simple wing
shapes but also for winglets, high 1ift devices, wind tunnel wall interference, shrouded propellers, jet
effects and wing-wing interference problems. They provide not only accurate lift and moment curves, but
also very good induced drag results. This method has been used extensively at Dornier for linear flow pro-
blems, while the use in nonlinear aerodynamics is fairly new. As shown in Fig. 3, the vortex-lattice me-
thod in combination with Polhamus-Analogy is a very reliable tool to predict the nonlinear flow behaviour
caused by leading edge separation [18]). The deviations in the moment curve for small, resp. negative 1ift
is due to deficiencies in the body description. Even configurations with leading and/or trailing edge
flaps are simulated nicely. For modern fighter design with wings of large sweep this method plays an
important role in wing as well as maneuver flap design.

Leading Edge Vortex Flow Fields

In the present form, the program is a research tool for numerical experimentation; the major emphasis is
to incorporate differents models and to study basic modelling as well as flow field effects.

Delta wings provide many inside for understanding leading edge vortex flow. In addition, they represent

a simple geometry which is ideal for numerical experimentation. Fig. 13 shows the free vortex sheet de-
velopment over the wing and a comparison of the pressure distribution. The agreement with the Boeing
method is very good, but the experimental pressures still are different. Nicely the decrease in pressure
due to the trailing edge Kutta condition can be seen. On Fig. 14 the importance of a proper wake modelling
can be seen since the wake can not be treated as frozen at all to reproduce the corract physics shown by
the Hummel-experiment. Continuing work is going on to simulate the flowfield over strake-type wings and
bodies with free vortices by coupling with boundary layer programs.

Subsonic High Lift Wing Analysis

This very useful tool for high 1ift design of general aviation-, transport- and at least moderate aspect
ratio fighter configurations meets the engineering requirements since it is a fast tool for the estimation

of maximum 1ift as well as stall characteristics in the pre-phase studies of aircraft, when no windtunnel

results are available. The use of this method needs an experienced aerodynamicist for complex configurations

with part span flaps or boundary layer fences are involved. The upper part of Fig. 15 shows the comparison

in 1ift, moment and drag versus experimental results for an unswept AR-9 wing. The lower part portrayes
the 1ift distribution versus span for three anqles of attack in comparison with experimental results from
0il flow pictures. The configuration now is an AR=b wing with part span flaps. Both comparison clearly
indicate the usefullness of such a method.

If further experiments are available the range of applicability can be increased or updated by establish-
ing new working plots.

Three-Dimensional Viscous Body Flow Field Analysis

The three-dimensional boundary layer development greatly influences the performance of subsonic and trans-
onic aircraft. While the use of boundary layer method to study wing characteristics has become quite popu-
lar, e.q. [27], (551, (561, only a few items are known for three-dimensiona) body analysis. Through its
validation the Dornier method [28], [29] has been extensively tested for flows over ellipsoids at angle

of attack. Fig. 16 portrayes some of the rasults for an axis-ratio 8 ellipsoid.

Separation line pattern over the whole range of incidence agree well with those predicted by the finite
difference method of Geissler and even the shear stress at the wall compares very well with that measured
by DFVLR or computed by Cebeci's FD method. More recent studies [29] on the symmetry lines nicely repro-
duce the switching characteristics of the separation point versus a [Fig. 17].

However, more work has to be done to combine this method with inviscid programs in order to study separa-
tion and vortex shedding from bodies.

On Fig. 18 first results of Stock's inverse integral method [30) are shown for an infinite swept wing.
This code will provide the basic capability to compute through separation.

Although it is presently far beyond the engineering application, some results of Haase's three-dimensio-
nal steady Navier Stokes Solver [26] are portrayed on Fig. 19 for the ellipsoid mentioned before. Even
in research computations the applications are limited due to the total amount of grid points either in
Re-number (scaling of the thin layers) or in complexity. Future computers and accelerated schemes, howe-
ver, will provide the basis for such computations.
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Safe Release of External Stores

Aircraft store compatibility is one of the major problems for present day fighters. One indication might
be the devotion of a whole session of the present AGARD Conferemce to this subject. The problem can be
seen at least three-part: Carrier-disturbances by store carriage and release, free store release, and
accurate weapons delivery. The present examples only address to safe release, although methods are fre-
quently in use to study the other effects. The attempt of Fig. 20 is to show by simulations with the
computer code of Ref. 31 the influences of carrier interference and dynamic store derivatives on the
release of two different store. The final simulation agrees well with the experimental data. But I would
like heavily stress the importance of the inclusion of dynamic derivatives in store release simulation
since they seem to play an important role.

The present method is extensively used in release studies for new configurations or for standara carrier

with new stores. In a more recent version even the release of target-type stores tixed to a cable can be
simulated.

Transonic Airfoil/Cascade Analysis/Design

The validation of two-dimensional transonic potential flow methods is almost established by numerous su-
percritical airfoil designs based on CFD methods. Fig. 21 shows computed versus measured pressure distri-
butions for the Dornier A-1 12 % thick airfoil, viscous as well as wall effects in the computations inclu-
ded [32]. The result clearly indicates the importance of boundary layer effects even in the design region.
Although design as well as analysis of this section have been done using TSP, we are aware of the limita-
tions of TSP-methods. However, the type of numerical method, especially conservation of mass, can have
stronger influence on the results than the TSP-assumptions. Therefore, more recent studies lgd to the de-
velopment of a two-dimensional flux-finite element method for the full potential equation which at pre-
sent only has been verified for the analysis/design of cascades [37], see Fig. 22, and to a finite vo-
lume method to solve the quasi time-dependent Euler equations around airfoils [38] as shown in Fig. 23.
For comparison, also the TSP-MF results are included, while there is almost no difference in the non-
1ifting case, a large effect is apparent for 1ift. Careful studies of shock and Kutta-condition will
clarify this difference.

Both flux methods are very general in their application to arbitrary configuration shapes and nonorthcgo-
nal mesh systems. While the FFEM-method is very fast (0.15 ms per iteration and mesh point IBM 370/158),
the finite volume method (0.8 ms) is best suited to produce datum solutions and accurate results for
strong stocks which lie beyond the isentropic assumptions.

Since transonic flow phenomena do not only play an important role in aerodynamic design but also in flut-
ter analysis, the Dornier-TSP method has been extended to treat harmonically oscillating airfoils [35].
The comparison in Fig. 24 indicates fair agreement with other transonic methods as well as experimental
data. However, more work has to be done here to include viscous effects and nonlinear effects which imply
the use of more complete unsteady equations.

Transonic Two-Element Airfoil Analysis/Design

The performance of mechanical high-1ift devices is of increasing importance for the overall economy and
operational efficiency of all types of aircraft. The use of such devices for combat aircraft at transonic
speed offers the chance of greatly enhancing maneuvering capabilities without affecting cruise performan-
ce. Climb and turn rates of existing modern fighters at transonic speed are remarkably improved by the
use of slats and flaps, although these configurations have not been optimized as such devices.

At low speed such devices can be efficiently designed by means of numerical methods and a lot of avail-
able experimenta) data. At transonic speed, however, we are lacking experimental data for airfoils with
slats and flaps to establish a data base. Extensive wind tunnel testing on such airfoil systems is highly
costly due to the large number of parameters and at transonic speed no simple interpolation in a data base
is possible. Only since recently transonic viscous analysis/design methods are in use for configuration
studies and improvements. In Fig. 25 results are depicted for an airfoil/slat configuration with upper
slat surface and main airfoil shape plus lower surface slat pressure distribution as input. The results
for this mixed analyses/design mode run a?ree very well with the experimental data and indicate clearly
the large separated region on the lower slat surfaces. This mode can be used not only to understand the
flow field characteristics of existing siats or flaps, but also to efficiently redesign configurations

to avoid separation. Fig. 26 indicates a redesign process for the slat lower surface to a NACA 64A010
airfoil section.

For analysis problems viscous effects have to be included not only by means of laminar and turbulent boun-
dary layers, but also short and long separation bubbles, confluent boundary layers and trailing edge se-
paration. The present system of codes for viscous transonic two-element airfoil analysis has been success-
fully applied to simulate the flow field around the Do-A4 airfoil with a slat or flap. In Fig. 27 and 28
results are compared with the experimental data. The computed pressures agree fairly well with the experi-
mental ones, even for cases with large separated regions where viscous effects completely dominate. Since
such numerical simulations are rather fast and inexpensive, it is obvious that such computational methods
are useful tools for designers looking for efficient hi?h 1ift and maneuver devices. The design time as
well as cost can be much reduced by using such numerical results.




Transonic_Inlet Analysis

The efficiency of modern transonic and supersonic aircraft to quitg a la(ge extent_depends on the recom-
pression characteristics and the avoidance of separation causing distortion. Experience has proven pitot-
type inlets to be well suited to design criterion at supersonic as well as subsonic and transonic speed.
For the investigation of such types of flow fields with subsonic free stream Mach numbers, Doraier has
adapted Arlinger's method for axisymmetric inlets [43]. A tpyical result with good agreement 15 shown in
Fig. 29. Although this method gives very accurate results, it lacks the generq!1ty for extensions to
three-dimensional configurations. Since the study of pitot-inlets at supersonic and 1arge subsonic free
stream raises some questions about the disregard of total pressure losses due to shogk in methods using
the potential equation, Dornier decided to develop its own method based on the qumer1ga] solution of the
full Euler equations. First results of the plane and axisymmetric version of this finite volume method
(44] are portrayed in Fig. 30. Fair agreement is reached for the fairly low supersonic Mach number with
Arlinger's supersonic version as well as experimental data. Unfortunately we are lacking exper1meqta1 da-
ta for a detailed evaluation at higher Mach numbers. For application in rea11§t1c aerodynamic design
studies for fighters a three-dimensional version of the finite volume method is nearly completed. For
final flow simulations the corresponding viscous codes will be coupled.

Transonic Wing/Wing-Body Analysis

The validation of three-dimensional transonic potential flow methods has been.repqrted recently in several
papers, e.g. see References 48, 50, 56 and 57, to name a few. During the app11cat1on‘of the TSP-MF method
for analysis as well as design case studies, it was found that the method 1s.we11 su1tgd to meet the re-
quirements of engineering in as much as the code is fast (0.14 ms per iteration and grid point), designed
for interactive treatment and very general in its use as depicted in Fig. 31.

For final results the full potential loop can be used to ensure no major errors due to TSP-assumptions.
However, this code is suffering from its orthogonal grid system in as much as the leading edge represen-
tation for swept wings is poor as long as no extremely fine grid systems are usgd. The Figures 32-39 show
some of the results for validation of the method for a wide range of configurations. Relatively thick
large aspect ratio wings as well as moderate aspect ratio fighter wings with complex fuselage shape have
been designed or analyzed before the wind tunnel test became available.

For fighter configurations with complex bodies the deviations at higher Mach numbers don't seem to be to
TSP assumptions rather than inadequate fuselage modelling. Full potential FLO22 computations for the wing
alone did not improve the agreement.

For transport type configurations in analysis (Fig. 34) as well as mixed analysis/design mode (Fig. 37)
the method proved to be very reliable, but is suffering from the poor leading edge description. However,
the basic character of the pressure distribution and the shock position and strength is fairly well pre-
dicted. The recently included grid unbedding technique in the TSP-MF method [51] highly improves the
leading edge and shock resolution as shown on Fig. 39.

The PT-7 configuration shown on Figure 36 has been a design case study [48] testing extensively the mixed
mode capabilities of the TSP-method as a joint venture between Dornier and FFA.

First results of the three-dimensional finite volume Euler code [52], [59] are portrayed on Fig. 38.

Since two-dimensional experience has indicated the large influence of the viscous effects, also in three-
dimensional flows, the viscous displacement thickness effect of the three-dimensional boundary layer over
the wing has to be taken into account in order to produce accurate performance characteristics. The cou-
pling of the three-dimensional boundary layer integral methods [27], [28] with inviscid potential flow
programs provides the capability for better wing design, for diagnosis of specific wing design problems,
and for evaluating the wing performance beyond the Reynolds number range of present wind tunnels. Since
the boundary layer program allows for arbitrary, even nonorthogonal coordinate systems, no special inter-
face programs are needed to convert grid systems. Only corresponding data handling in the inviscid method
coordinate system is needed. Thereby it is possible to cycle several times between viscous and inviscid
programs. In Fig. 36 the changes in pressure distribution corresponding to the number of iteration cycles
is portrayed. It has been found that a number of cycles between the transonic potential flow program and
the boundary layer code is necessary to achieve a satisfactory converged solution, i.e., until the pres-
sure distribution and the boundary layer displacement thickness &% d0 not change significantly between
cycles. The general trends of the measured pressure distributions are matched by the theory. However, a
finer mesh would improve the agreement in the nose as well as shock region. In Fig. 36 also the corres-
ponding changes in displacement thickness for section 2 and the variation of the computed separation line
are shown. It is clearly indicated that a boundary layer method within this cycle has to be able to treat
separated regions since the fully inviscid initial solution might exhibit relatively large partial sepa-
ration although the final converged viscous solutions is almost free of separated regions. For complete-
ness, the spanwise 1ift distribution and the computed dragrise curve are also included. Measured and
calculated dragrise compare reasonably well. The capability of estimating the spanwise variation of wing
drag components, 1ift distribution and separation, identifies the critical wing design regions and allows
for proper wing modification with reasonable assurance of success.
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Light Buffeting Prediction

Although buffet is only one and possibly even a very weak limitation in maneuver for fighter configura-
tions, it can be thought as a first indication for other more severe evidents. The Dornier method for
light buffet prediction [54] presently is restricted to sweep angles 0 <'¥,5 < 50°, thicknesses

0.04 < f/c < 12, aspect ratios 2 < AR < 7.5 and moderate camber 0.035 < f/c < 0. This limitation results
from the configurations used to establish the working plots. Extensions are possible by estab!ishing new
plots. The comparisons on Fig. 40 with experiments clearly validate the method as an engineering tool.

Recently this method has been included in the aircraft aerodynamics prediction code [4] to provide buffet
information even in configuration studies.

CONCLUDING REMARKS

The significant advances that have been made in computational fluid mechanics are having considerable im-
?act on the aerodynamic design process. Subsonic panel and vortex lattice methods, when used within their

imits of application, provide valuable insight into complex flow fields, guidance for achieving integra-
ted designs, and ability to explore innovative configuration designs. The use of these methods can sub-
stantially increase airplane performance capabilities. The integrated computer program system to analyse
subsonic and transonic, viscous flow over airfoils, multi-element airfoil systems and wings and wing-body
combinations for transport as well as fighter aircraft have emerged as a very important tool to support
the wing design process, and to support diagnostic investigation of the aircraft performance.

Rewarding as the accomplishments in computational aerodynamic design have been, much work remains yet to
be done. The three-dimensional transonic inviscid flow methods need to be generalized to include the com-
plete configuration and to greatly simplify the user's input and output data manipulation and reduce com-
puter as well as man costs, The three-dimensional boundary layer method needs to be enhanced to include
the fuselage, to handle surface intersection problems, and to analyse separated flows. Most work has been
towards better numerical methods at design conditions of modern aircraft. However, off-design is limiting
the capabilities or real configurations. A lot of work in CFD and experiments has to be done to under-
stand those phenomena causing maneuver boundaries. This will imply more work on unsteady time-accurate
flow simulations.

However, all integrated systems of computer programs are only operational as design tools within the pro-
ject engineering area, if the easy preparation of input data, the visibility of output, the flow time re-
quired to get final results, and the computer costs or running these methods are highly improved. If these
enhancements are not included, we may never experience the use of numerical simulation and reduced reliance

on the wind tunnel in airplane design as many computer experts suggest and the basic capabilities of modern
methods promise. '
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DESIGN OF ADVANCED TECHNOL OGY TRANSONIC AIRFOILS AND WINGS
by
*
H. Soubieczky
Institut fir Theoretische Stromungsme . hanik

Gottingen, Germany
SUMDMARY

Recently a new method for the design of shock-free configurations in the supercritical regime
has been presented. It is based on the use of fictitious gas flow in the supersonic domain in order
to provide an elliptic continuation of the basic equations. Solutions of the latter ensure suitable
sonic surfaces, which are used subsequently as initial condition for conventional shock-free super-
sonic field computation and configuration shape modification.

New concepts in wing design to meet the requirements of higher efficiency of future aircraft
include airfoil shape modifications such as for the Laminar Flow Control (LFC) wing, or for the
Circulation Control Wing (CCW). Results of shock-free flows past such airfoils are presented.

The new design method can also be used for three-dimensional !low. The redesign of a simple

test wing is illustrated in detail, the structure of shock-free local supersonic regions on aft and
forward swept wings is studied.

INTRODUCTION

The requirements of fuel efficient flight have forced the operating conditions of modern trans-
port aircraft into the high speed regime. This fact brought a large number of challenging theoreti-
cal questions to be answered for the development of computational procedures for analysis and
design of aircraft components, but also many problems had and still have to be solved if experi-
mental investigation in high speed wind tunnels should reliably predict aerodynamic performance.
The design goals for a new generation of efficient aircraft to be reached by theoretical and experi-
mental work are dominated by the need to increase flight speed but to suppress the accompanying
negative effects resulting from recompression shock waves and viscous interaction.

The knowledge of analytical solutions for inviscid transonic flows without shocks given by
Ringleb [1] did not consequently yield theoretical results for shock free flows past wings or airfoils
first, before experimental verification could affirm theoretically born concepts. Mathematical ques-
tions about existence and stability left doubts about the practical value of such flows; also the
transonic regime was considered more a transition phase to supersonic operating conditions, neces-
sarily passed only in acceleration and deceleration phases of the flight. This situation changed
when supersonic transport was postponed in the United States. Consequently the design conditions
were moved into the high subsonic regime with many transonic flow phenomena occurring and thus
actualizing many unsolved problems. Whitcomb’s [2]| and Pearcey’s [3] experimental work brought
first results of practically shock-free airfoil flows in transonic speeds. Also first analytical shock-
free flow results were given by Nieuwland [4], computational design methods were developed by
Garabedian and Korn {5], and by Boerstoel [6]. Another, more recent and urgent call for design
techniques for efficient aircraft resulted from sharply rising fuel costs. Systematical methods for
aircraft design are needed now mor. than ever and the supercritical (nearly shock-free) wing
seems to be one of the most promising components among the many innovations currently studied,
tested and already used in new aircraft.

The mentioned design methods for airfoils work in the hodograph plane, where the basic equa-
tions are linear in contrast to.nonlinearity observea in 2D or 3D physical space. A number of
airfoils was obtained and many were tested experimentally. This was a good start toward the goal
of systematic computerized design but hodograph methods are not applicable to three-dimensional
flow past wings and other realistic components of aircraft. For 2D and 3D flow analysis numerical
procedures were developed {7,8,9,10] to predict flow past given configurations. These methods
allow the determination of shock waves in the flow with reasonable accuracy. Also viscous inter-
action effects, mostly important at the trailing edge of wings by affecting the circulation, are al-
ready included into transonic analysis codes for airfoil flows [11]. This situation, namely the lack
of systematic design tools for the development of new configurations, but availability of reliable
analysis methods led to development of a theoretical optimization procedure requiring large num-
bers of analysis runs for parametric variations of given configurations to find optimal shapes [12].

In this paper the availability of analysis methods is used for design in a different way. A new
idea to obtain shock-free 2D airfoils and 3D wings rests on previous work in the hodograph for
airfoile, where the rheoelectic analogy was used to obtain shock-free flows [13]. While being much
less economical than the computerized hodograph method [5] quoted earlier, application of the
analogy led to a very simple new transonic houndary value problem, which is not restricted to the
hodograph approach and not restricted to 2D flows. Mathematically a method of analytic continu-
ation it may be interpreted physically as a gas flow with certain fictitious properties. Existing
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numerical analysis codes are converted and extended to design tools, first examples for inviscid
shock-free configurations obtained from conventional input shapes were presented [14). The evo-
lution of the method from rheoelectric hodograph experiments to numerical design programs in
physical space is described elsewhere [15]. Airfoil design by these indirect and direct approaches
is reviewed [16).

The purpose of this paper is an illustration of the method applied to some recently presented
new aerodynamic concepts [17,18]. New ways to control boundary layer and circulation lead to new
airfoil shapes and variable wing geometry requires investigation of numerous new ptanforms. The
chosen design examples are intended to encourage the design engineer to use the outlined methods
for practical problems which involve transonic flow presently, as well as for configuration studies
which might find a realization in the future.

ELLIPTIC CONTINUATION AND FICTITIOUS GAS

A detailed description of the design method applied in this paper is given elsewhere [14,15,16],
Here a short explanation is given for the method termed "Elliptic Continuation Method'" or, with
respect to physical illustration a "Fictitious Gas' design procedure. For a given configuration to
be systematically altered in order to be in shock-free transonic flow at certain operating conditions
(defined by M, the Mach number and a the angle of attack) the process is described shortly.

For an existing reliable analysis algorithm in conservation form for isentropic irrotational gas
flow we alter the density - velocity relation p(g) in such a way that the resulting basic partial
differential equation to be solved becomes elliptic in the entire velocity range. The isentropic flow
relation

2 1/y-1)
P AR y-1
o* isentr. - ( = - 5 (%) ] (1)

with critical conditions denoted by superscript *, ensures an elliptic type equation only up to the
critical speed, q < a*, while for q > a* the equation becomes hyperbolic. Consequently we leave
(1) unchanged up to q = a* but introduce an artificial relation @ = F(q) which replaces (1) in the
domain q > a*. We choose, illustrate and use in the following examples the function |

I .
o* fictit., (2‘.) (2)

and realize that P = 1 means (@0 q) = const. which leads to parabolic type while P > 1 still gives
hyperbolic type equations. For elliptic type our fictitious relation (2) therefore is restricted to

P < 1. Relations (1) and (2) are drawn in Figure 1, with different exponents P. We observe that
only the parabolic limit P = 1 ensures the same gradient of relations (1) and (2) at the contacting
sonic point q = a*. One might expect discontinuous slope of a combined relation (1)/(2) in the sub-
sonic /[supersonic domain to result in discontinuous behavior of solutions of the equations at the
sonic surface, but numerical experiments showed that none of such difficulties occured in both
finite element [18] and finite difference [19] evaluation of the all elliptic partial differential equa-
tions. Different values of P were studied; our experience resulting from these calculations is that

0.5< P<0.9 (3)

seems to give optimal resulting sonic surfaces, "optimal' in view of the subsequent calculation of
the real local supersonic region to be outlined in the following chapter.

We introduce (2) now into the analysis algorithm and switch from the use of (1) in locally com-
puted subsonic flow to (2) if the flow is supersonic. Also,we suppress the switch to upwind differ-
encing and the use of numerical viscosity in the analysis code, because these tools arc introduced
for effective calculation of hyperbolic type flow including shock waves which do not occur in our

Pl
: -5
q/q' ' isentr
1 0.
.5
1
isentr
———
1] — 2
q/a*

Figure 1. Isentropic and fictitious density - velocity relations.
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all «lliptic problem. When calculating an vxample now we see that convergence of the numerical
relaxation procedure is reached much faster than in a mixed type flow analysis because we have,
numerically, essentially a subsonic flow problem to s=olve,

The result of this calculation is a correct one where subsonic flow is found. It also gives sonic
surfaces which are found by interpolation in the field, Inside a sonic surfuce we have solved a
fictitious supersonic flow problem (or a flow problem with fictitious gas behavior if the speed of
sound is exceeded) which ensures conservation of mass and momentum globally, which is .mportant
for the subsequent calculation of the real supersonic domain. For this we need to know the flow
vector v distribution on the sonic surface where vl = a* . A smooth distribution of the velocity
components u, v, w along the sonic surface is the initial condilion for the calculation of a local
supersonic flow domain with a marching procedure as will be described next,

ONION PEEL COMPUTATION OF LOCAL SUPERSONIC FIEL DS

Fictitious gas computation provided a sonic surface which has to be used subsequently to find
the supersonic part of the flow and a new body surface compatible with the entire resulting shock-
free flow. For plane airfoil flow the method of characteristics is used in the same way as in the
hodograph methods [5,13] to find the solution which is defined beyond the resulting airfoil contour
f, see Figure 2a. Two characteristics §, n and the sonic line h enclose the computed flow field.
In 3D flow characteristics are replaced by Mach conoid envelopes £, 7 originating from the inter-
section of sonic surface h and stream surface f, Fig. 2b. Characteristics and Mach conoids in
3D flow allow an extension of some knowledge about 2D transonic flow phenomena but an effective
3D method of characteristics for local domains has not yet been developed. The 2D method of
characteristics may give results with limit lines with locally infinite velocity gradients and multi-
valued solutions. The resulting flow is not smooth and shock-free if the limit line occurs in phy-
sical flow between sonic line and stream line. Similar problems may occur in a 3D evaluation
method, limit surfaces may show and announce that no shock-free solution is possible for the
previously corputed subsonic outer flow and operating conditions. These limitations should not be
confused with possible numerical problems of a 3D marching procedure described next.

In 2D and 3D flow the local supersonic domain has to be computed starting at the sonic surface
which means starting with Cauchy initial data and proceed into a direction falling outside of the
Mach conoids. This is of no consequence in 2D flows but in 3D flow it results in a numerical in-
stability requiring a careful filtering of possibly growing high frequency perturbations in the
marching procedure, [21].

For large wing sweep or low aspect ratio lifting wings the sonic surface may wrap around the
leading edge so that establishment of a marching direction from the sonic surface toward the initial
configuration boundary may not be suitable simply normal to the wing planform (Figure 3a) but
along curved lines, e.g. defined by parabolic coordinates around the section nose focal point
{Fig. 3b). The initial configuration surface within the sonic surface may be used for a 3D grid
definition, like onion peels, Fig. 3c.

The numerical marching procedure consists of establishing partial derivatives of the velocity
components {(u, v, w) into the marching direction which is performed by use of the partial deri-
vatives aof the (u, v, w) - distribution along a given surface (starting with the sonic surface) and
solving the system of continuity and irrotationality equations. Velocity gradients are obtained ex-
plicitely this way and used to extrapolate to a neighboring surface of the "onion peel' grid between
sonic and initial surface. The step from one to the next surface is performed iteratively with
averaged gradient ensuring second order accuracy. Partial derivatives of (u, v, w) - data along a
surface are obtained by spline differentiation, which ensures, together with a suitable grid spacing,
the aforementioned filtering of high frequency perturbations.

Arriving at the initial surface will define new flow directions which are used to integrate the
new body stream surface wetted by supersonic flow, [22]. Closure errors of the deformed surface
indicate conservation errors in the first step elliptic computation and/or in the second step onion
peel marching procedure.




Z

a b c

Figure 3. Onion peel computation of local supersonic field. Marching normal to planform (a),
marching along parabolic coordinates (b), Onion Peel grid using initial configuration (c).

INITIAL CONFIGURATION FOR SHOCK-FREE REDESIGN

The two-step design procedure for supercritical flow makes use of the fact that a shouck-free
| local supersonic region influences the surrounding subsonic flow gualitatively like additional body
displacement, Outer flow therefore cannot distinguish between a body in isentropic flow with density
(1) and a body somewhat thicker within the supersonic region in a flow with higher fictitious density
(2): a thicker body shape is compensated by narrower adjoining streamn tubes. We conclude that
initial configurations for the design method will be flattened by the process. The type of desired
i pressure distribution may be influenced to some extent by the choice of fictitious gas properties but
more effectively also by addition of thickness bumps on the body. This is especially necessary if
an existing supercritical configuration should be optimized for some new operating conditions: The
flat upper airfoil or wing surface in combination with the higher density fictitious gas results in
supersonic domains forming patches of a complicated structure on the wing, see Fig. 11 in [21].
It was shown {16] that existing supercritical airfoils which were found with a hodograph method can
also be verified by the present method: an added surface bump was adjusted iteratively to the sub-
sequently subtracted amount of thickness. So a ''supercritical’’ configuration has to be made “con-
ventional subsonic'" before it is suitable for supercritical redesign. It is concluded that subsonic
configurations like NACA - airfoil series are well suited input for transonic redesign which seems
reasonable because a large complex of experience with low speed airfoils and wings exists and
much of it may. easily be extended into the supercritical regime by this approach.

DESIGN OF SHOCK-FREE AIRFOILS

For illustration of the airfoil design process we choose a reliable transonic analysis method.
Jameson’s finite difference relaxation algorithm is used for inviscid flow computation; the airfoil is
mapped conformally into a circle [8). Different concepts exist for an effective treatment of viscous
interaction between boundary layer and potential outer flow: one way is the addition of boundary
layer displacement thickness to the airfoil and compute inviscid flow past this new effective shape
(displacement concept). With boundary layer thickness growth depending on the outer flow pressure
distribution this requires an iterative process with each step performing conformal mapping of a
new effective shape to a circle. The viscous wake is represented by an open trailing edge and an
inviscid wake model with constant thickness downstream to infinity. Disadvantages of this method
are the time-consuming mappings and poor representation of viscous effects near the trailing edge
and from the wake., A different approach overcomes the problem of repeated mappings by estab-
lishing a surface velocity distribution defined by boundary layer displacement growth, (transpiration
concept). Viscous interaction of boundary layer and wake at the trailing edge is treated with
Melnik’s theory [11], airfoil design using this approach is described elsewhere {23].

Results from a design method including viscous effects based on the displacement concept are
given in this paper. Starting with an initial guess displacement thickness is modeled by a function

- ke EBLk
6 /e =L CBL_ "(x/c) 4)

k=1

Suitable choice of the exponents EBL allows good representation of boundary layer computation
results, obtained here with Rotta’s integral method [24]). On the upper surface close to the trailing
edge results of the boundary layer computation are unreliable and displacement is modeled by an
ad-hoc technique based on wind tunnel boundary layer and wake measurements {25] and comparisons
with results of the interaction theory [11]. Results are illustrated here for shock-free redesign of
a given initial configuration 14,6 % thick rear loaded airfoil. The design goal for lift coefficient is
¢, = 0.6 at a Mach number My, = 0.73 and a Reynolds number Re =710, At first, analysis com-
putation of the given airfoil at design conditions, (¢, = 0.6 is obtained with an angle of attack

@ = 1.49), shows that the flow is not shock-free, see Figure 4. The analysis version of the code
includes treatment of shock-boundary layer interaction which provides a corrected wall pressure
distribution at the shock foot point based on Inger’s theory [26], description of an incorporation of
this theory into the inviscid flow and boundary layer computation is given elsewhere (27]. Next we
switch the program to the design version using the fictitious gas concept with P = 0.9 and the
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Ficure 8. Redesign of the airfoil Fig. 4 with laminar flow control (a), lower surface modification
for LLFC applications (b).

method of characteristics. The result is a shock-free airfoil with a rooftop - type pressure dis-
tribution, see Figure 5. A subsequent analysis control of the new airfoil shows practically shock -
free flow, too, as illustrated in Fig. 5. Present results were obtained on an IBM 370/158 machine
with single precision.

The redesigned airfoil differs from the initial configuration only along the arc wetted by super-
sonic flow. Figure 6 shows the amount of surface modification smoothly distributed between 2 and
67 percent chord on the upper surface. The maximal local thickness reduction is situated at 38
percent chord, airfoil thickness is reduced from 14.6 to 14.3 percent. Figure 7 shows boundary
layer dispiacement computation results (symbols) and analytical modeling including trailing edge
correcture (lines). Only three components (ke = 3 in (4)) were used for simplicity for upper and
lower side displacement thickness which seems generally sufficient for satisfactory modeling, ex-
cept perhaps here on the rear loaded part of the lower side. The design example presented in
Fig. 5 has been obtained for a high Reynolds number with an almost fully turbulent boundary layer.
With respect to the concept of maintaining laminar flow over a large portion of a wing, different
design computations were carried out for prescribed transition stations. Viscous displacement
growth is reduced this way and the effective Kutta condition allows for higher circulation.

Figure 8a shows a design with assumed transition at 60 percent chord, lift coefficient has in-
creased remarkably. In Fig. 8b another design is illustrated, here the initial configuration has
been changed on the lower surface prior to the shock-free design process in order to guarantee
the desired subsonic pressure distribution for a Laminar Flow Control (L FC) wing section. The
concept is studied for application in long range transport aircraft [29].

While boundary layer control is regaining some portion of ideal inviscid performance, the con-
cept of Circulation Control (CC) offers similar advantages for different applications. A well-known
phenomenon called the Coanda effect is used to obtain high circulation around airfoils with round
trailing edge, see Figure 9a. Tangential blowing from a slot maintains attached flow around a large
part of the rounded trailing edge. Circulation is controlled this way and allows for extremely high
lift. The concept has been investigated experimentally [30) and applications for helicopter rotors
are studied.

An idealized treatment of circulatory flow past round trailing edge airfoils may be carried into
the transonic regime using our shock-free airfoil design code. As a simple initial configuration we
choose a 20 % thick ellipse and fix the trailing stagnation point on some prescribed position on the
round trailing edge, thus modeling the main influence of a Coanda jet on potential outer flow,
Figure 9b. Circulatory flow around the ellipse results in large local supersonic regions, we ask
for design limits in Mach number and lift coefficient defined by the occurrence of limit lines
showing from inside of the airfoil contour. Figure 10 shows some results, two of them are ex-
treme cases where surface deformation brings almost corners to the contour. These design limits
are gshown in a e - Mco diagram Figure 11.
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Figure 9. Circulation control with a Coanda jet (a), inviscid outer flow model with fixed trailing
edge stagnation point (b).
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Figure 12, Fictitious gas analysis: sonic surface and pressure distribution on an elliptic test wing

with NACA 4415 sections. (M_ = 0.7, o - 0°, ¢, = 0.58)
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DESIGN OF 3D SHOCK-FREE FLOWS: A TEST WING EXAMPLE

So far this paper illustrated some airfoil design results including viscous effects or at least in-
viscid idealizations supporting new concepts to control viscous effects. The design of shock-free
airfoils has proofed to be an important first step of practical supercritical wing design but never-
theless any systematic extension of computational techniques from 2D into 3D space is welcome to
the design engineer.

For 3D wing design the "Onion Peel" marching procedure is used but present experience with
practical cases is less extensive than with airfoil design. Also 3D boundary layer computation is
less advanced. Illustration given for shock-free wing design in this paper is restricted to inviscid
flow. In the following results for a simple unswept test wing are given, see Figures 12 - 16. An
elliptic planform with aspect ratio AR = 16/7 = 5.1 and a straight quarter chord line is chosen.
With a center chord length ¢ = 1 the rounded wing tip is located at x = 0.25 and semispan y = 2,
One single airfoil, the NACA 4415 is used to define all wing sections. Wing twist is prescribed by
the relation

(o] 2
€ = 2.5(1 - 0,25 y%).

For inviscid isentropic and fictitious gas analysis a simple finite element method based on a
variational principle was developed and provided by A. Eberle [31]. For our redesign concept the
code was extended by a careful interpolation of the sonic surface results, this is illustrated in
Figure 12: the isometric view shows the test wing and a sonic surface obtained by fictitious gas
analysis (P = 0.9) at a Mach number Mg = 0.7. Computational grid points are marked within the
fictitious supersonic region on some representative sections. We observe that the size of the super-
sonic region relative to the local chord length is rather constant. Pressure distribution within the
subsonic field outside the sonic bubble is already the resulting design pressure. Lift and drag co-
efficients are also already design results, they will not be altered by the subsequent computation
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of local supersonic flow. Interpolated values of the velocity distribution are found on each section,
here on some 8 - 10 points along the sonic lines, depending on the number of grid intersections.

Next the sonic surface values (geometry and velocity components)are redistributed by a spline
fit on a new grid with more points (here: 20) on the sonic lines. From experience with the method
of characteristics in 2D it follows easily that sonic surface grid points should be distributed with
a density proportional to streamline curvature, which follows from the velocity gradicents along the
sonic surface. Also, a spanwise redistribution of sections may be useful, here only the outermost
section distance was reduced due to the large gradients of geometry and velocity near the rounded
elliptic tip. For definition of an Onion Peel grid we also remesh the initial configuration surface
within the sonic bubble, in the present case 5 Onion [’eels were used to march from sonic to initial
surface as illustrated in Fig. 3c. Geometry and resulting velocity components on the new wing sur-
face are illustrated in Figure 13. The smooth distribution indicates a successful suppression of any
numerical instabilities. Velocity defines a new shock-free distribution of the pressure coefficient
replacing the fictitious supersonic part of the results in Fig. 12. The new surface is found by
iterative integration of the differences between directions of resulting velocity (u, v, w) and the
initial configuration using the stream surface condition

(Zx)y - (w - v - zoy)/(u - v . xoy)

where x (y), z (y) define a line along the wing stream surface. Numerical conservation errors
result in closure gaps of the integrated surface. In Figure 14 the resulting surface deformation
without correction is drawn: a closure gap approximately 10 percent of the maximum surface de-
formation is observed which seems satisfactory with respect of the chosen crude tolerance require-
ments in the analysis method. After a closure correction the present result is used now to define
an analytical bump {(0) to be subtracted from the initial configuration sections. In the present case
this requires modifications of the NACA 4415 sections between sonic expansion (A) and recompres-
sion (B) points, Fig. 1}1. The maximum value of surface deformation is

¢ /e = 0.0043

max
and occurs on the center section.

The modeled analytical surface deformation {(0) is introduced now into the wing geometry gene-
rator code, a flattened test wing is created. An over-all control of the design was carried out next
by using the original wing analysis code. For comparison also the initial configuration was analyzed
with the same operating conditions (as illustrated earlier in Figures 4 and 5 for airfoil design).
Figure 15 shows the initial configuration in isentropic flow exhibiting a local supersonic region ter-
minated by a strong shock. Analysis results for the redesigned wing are shown in Figure 16. A
very weak shock - compared to the other case - is still observed but shape and extent of the sonic
surface come close to the design result in Fig. 12,

The present test wing example will be investigated also by other analysis and design methods
and subsequently viscous displacement will be modeled from a suitable 3D boundary layer computa-
tion. Such a result may serve also as an experimental test case in a transonic wind tunnel. How-
ever until then, parallel to the necessary improvements of the method, studies of inviscid outer
flows seem useful to extend knowledge about the structure of local supersonic fields embedded in
flows past different types of configurations.

STRUCTURE OF L.OCAI. SUPERSONIC FIL.LOW PAST AFT AND FORWARD SWEPT WINGS

Another test of the shock-free redesign procedure is an investigation of forward swept wings in
transonic flow and a comparison with equivalent wings with aft sweep. Simple configurations with
aspect ratio 5 and NACA 4-digit sections were used to study the influence of sweep on the struc-
ture of possible shock-free flow. Two wings with equal aft and forward sweep, respectively, of the
quarter-chord line were redesigned to be shock-free at a Mach number M, = 0.74. The wings
have the same spanwise section and twist distribution. Angle of attack was adjusted for both cases
s0 that equal ¢, = 0.45 was obtained. Wing planforms with the resulting area of supersonic flow
for equal (Mg, ¢ ) operating conditions are drawn in Figure 17. We observe that the local super-
sonic field on the aft swept wing extends from the center to the tips with approximately equal size,
while the field on the forward swept wing does not extend to the tips but is stronger in the center
region., We conclude that wing tip effects on aft swept wings might pose more practical problems
than on equivalent forward swept wings. A breakdown of shock-free flow at the tip of aft swept
wings due to interaction with the tip vortex seems almost inevitable if tip vortex and sonic bubble
are not separated by a winglet. Our shock-free redesign procedure is perturbed if the sonic bubble
is " open" toward the tip. A proper formulation of the Cauchy initial value problem needs data on
a closed bubble in order to keep the resulting stream surface completely within the domain of de-
pendence defined by the Mach conoid envelopes Fig. 2b. The error of "open " sonic bubbles is re-
flected in untolerable surface deformation closure gaps in the tip region (see Fig. 14 for the ellip-
tic test wing) or even a breakdown of the marching procedure due to uncontrollable numerical in-
stabilities proceeding from the tip toward the center. Our present experience to handle such effects
is still very limited but the favorable effect of ''closing’ an open sonic bubble by a winglet seems
manifest,
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Figure 17. Aft and forward swept wing planforms. Surface area wetted by supersonic flow at
equal Mm and ¢ Characteristics on wing surface.

Figure 18. Analysis of aft and forward swept wings: upper surface pressure distribution of initial
(a) and redesigned (b) wings, sonic surface on redesigned wings (c).

i Figure 19. Thick delta wing with adaptive shape for shock-free flight at variable operating
i conditions.
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Forward swept wings, on the other hand, need special care at the center region., Following the
characteristice on the surface on both swept wings, Fig. 17, we end at the tips T on the aft swept
wing, but on the sonic recompression point C of the center section on the forward swept wing. We
conclude that any perturbation of the shock-free field is washed into points T and C, respectively.
Forward sweep has a contracting effect on the flow past the upper surface. A wing body configu-
ration with a forward swept wing therefore should be more sensitive to area ruling of the body
than the aft swept wing. Analysis of the present redesigned swept wings show good agreement with

the design prediction, sce Figure 18.

ADAPTIVE CONFIGURATIONS

The chosen examples of swept wings Fig. 17 are investigated at relatively low transonic Mach
numbers so that the suitable marching direction of the Onion Peel procedure is normal to the plan-
form (Fig. 3a). For higher Mach numbers and larger sweep, parabolic coordinates (Fig. 3b) need
to be introduced. Such a case is studied as another test example, Figure 19a. A very thick low
aspect ratio delta wing serves to study surface modifications for varying Mach numbers. The local
supersonic field extends to the leading edge (Fig. 19b) along a large portion of span.

For design Mach numbers lower than Mg,; the resulting supersonic field is reduced in
size and extent on the wing surface, it vanishes at the critical Mach number Mm or Where the
flow is completely subsonic. Our design method allows shock-free redesign for supercritical con-
ditions M, . < My, < My, with a constraint, say prescribed c; (M), which 1s met by variation
of the design-angle of attack.

We may think of a possible realization of the different shock-free shapes for different Mach
numbers by adaptive section geometry of the wing provided by mechanical devices like elastic or
pneumatic deformation, suction and blowing or a combination of these means (32]. An application
of adaptive section geometry to a thick sjan loader flying wing might be a suitable 3D experimen-
tal test case for the concept because of available space within the wing to house the mechanism
for shape variation.

CONCLUSION

R A systematical method to design supercritical shock-free 2D and 3D configurations is illustrated.
+ Simplified examples are chosen from airfoils and wings which are used in advanced technology
’ aerodynamic concepts. With the outlined methods theoretical tools are presented to extend essentially
subsonic design aerodynamics into the transonic regime.
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SUMMARY

The development of the A310 wing represents a major milestone in the history of
European transonic wing design for large transport aircraft. Since the completion
of the wing for the A300, the revolution in computational methods for predicting
pressure distributions has enabled the A310 design to be carried out almost wholly
theoretically, allowing more time and effort in the wind tunnel programme to be
directed towards important interference effects between the wing and other components
of the aircraft.

Following an overview of the impact of the advances in computational methods,
these "interference' aspects of the A310 wing design will be presented in this paper.
Topics from the theoretical design programme include the effect of the fuselage
representation on the inboard wing transonic design and the influence of the tailplane 3
in the optimisation of the wing twist for minimum drag etc. Highlights. from the
experimental wind tunnel programme include the development of the wing root leading
edge fillet to improve wing/fuselage viscous interference, and the optimisation of the
flap support fairings for the minimum high speed interference. Attention is drawn to
the importance of these aspects in developing a successful integrated aerodynamic
design for a transport aircraft.

INTRODUCT ION

The A310 is the latest addition to the Airbus Industrie family of transport
aircraft, using a shortened version of the A300 fusclage to give a capacity of about
210 passengers (compared with 260). Initial project studies cxplored options inc-
luding the use of the A300 wing with and without modifications, but several fact rs,
with the greatly increased price of fuel in the fore-front, resulted in a decision to
design a completely new wing of reduced size for the A310. Although the configuration
of the wing is superficially very similar to the A300 (Figure 1), it does in fact
represent a major milestone in the history of European wing design for large transport
aircraft cruising at high subsonic speeds.

The wing for the currently very successful A300, now in scrvice with airlines
worldwide, was designed using approximate subsonic theoretical methods and relied
heavily on wind tunnel testing and the experience of the Hatfield design team to
obtain good supercritical flow development at the design cruise conditions. Between
the completion of the basic A300 wing design in 1969 and the start of the A310 design
in December 1976, there has been a revolution in theoretical pressure distribution
computation methods led by our friends in the United States.

For the first time it became possible to compute the transonic flow field around
a three-dimensional wing with embedded regions of supersonic flow terminated by shock
waves. Apart from advancing the aerodynamic standards achievable, this new thecretical
capability had a significant effect on the timescales of the wing design process, and
released time and effort in the cxperimental wind tunnel programme to investigate the
"interference" problems involved in integrating the wing with the other components of
the aircraft. Indeed, with the advanced aerodynamic stardards that were being sought
on the A310, it was realised right at the start of tlis new projecct that this
integration of the wing was potentially going to be more dificult than on the A30O0.

A complete description of the acrodynamic wing design for the A310 would be
quite outside the scope of this paper, as well as being outside the terms of referenve
of this Symposium. Therefore, following a short description of the impact of the new
computational methods on the aerodynamic standards achicved and on the organisation
of the wind tunnel programme, I will bhe concentrating in this paper on just thosc
aspects of the high speced wing design concerned with the intcractions with the rest
of the aircraft.

Before passing on to the main objective of this paper, it is relevant to say
somecthing on the broad impact that the new computational methods have had on the wing
design process. The A310 wing was designed using computor programs developed by the
Royal Aircraft Establishment, the Aircraft Rescarch Association and 'in house' at R.Ac.
Hatfield. The use of these programs was responsible for a major advance in acrodynamic
standards which would have been very difficalt and time consuming to achieve with the
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mix of experimental and approximate subsonic computational methods available at the time
ot the A300 design. The advance achieved is indicated in Figure 2 where the spanwise
distribution of wing thickness-chord ratios, and the compressibility drag risc
boundaries from tligh Reynolds Number tests on the clean wings f(mounted on sdentical
fuselages), are compared for the A300 and A310. 1t may be scen that the A3SLO wing is
substantiually thicker, especially at the inner end wherce 1t has most cffect on wing
weipht and fuel volume etc., and carrics considerably more lift at the cxpense of u
slight loss in Much Number capability at lower 1ift coefficients. In fact, as it turned
out, the wind tunnel programme had very little impact on the wing design process in
achieving this advance. This was a very different situation to that on the AS00, as

may be seen by reference to the paper by McRue (Reference 1) given to the Poyal
Aeronautical Society in 1973,

% In this context it is interesting to compare the list of high speed wind tunnel
models and overall timescales relevant to the basic wing design for the A300 anl A310.
In Figure 3 abridged versions of Tables 3 and 5 from Reference 1 are compured with the
equivalent data for the A310. Also given are the dates for the start of the theorcetical
wing design and for the wing geometry definition of the respective aircratt., In fuct,
the difference in model testing is even more appreciable than it appears uat {ir-t sight,
as the two dimensional wing section testing for the A310 wus at no time signifi.antly

in advance of the three dimensional testing. These two dimensional sections were
included only as an 'insurance' for comparison with the complete models to assist in
diagnosing any major problems if they occurred, and to provide vehicles for rapidly
checking minor modifications for the outboard wing sections if necessary. The first
A310 three dimensional model (Wing 4 in Figure 3) incorporated a very preliminary inner
wing design, and was committed for testing to get an early check on the buffet boundary
and general characteristics of the new advanced outboar. wing sections for the A0,

as well as to provide a model on which to start investigating the various interfercnce
problems that will be discussed later in this paper. Wing 5 was a very minor
modification to Wing 4 to increase the thickness in the region of 90% chord without

(as it turned out) affecting the aerodynamics of the wing.

Wing 6 had an identical outhoard wing to Wing 5, and incorporated the definitive
inboard wing design from the theoreticial design programme. As expected, this wing
showed simitar buffet characteristics to Wing 5, but a much improved drag rise boundory.

At this stage, the theoretical predictions of the buffet limited altitude
capability of the aircraft were being borne out by the two and thrce dimensional test
results. Following further project optimisation studies by Airbus Industric, the
decision was taken to increase the wing area to improve the altitude capability, mainly
by increasing the chord at constant wing thickness (giving a pro-rata reduction in
wing/thickness chord ratio). This was done in principle by redesigning the lower
surface of the wing sections and maintaining the same upper surface aerodynamic
features on the new Wing 18 as on the previous Wing 6, thus involving very little
aerodynamic redesign. .

Wing 18 was successfully first tested at ARA Bedford in August 1978, leading
to the choice of this wing for the A310 in the Autumn of 1Y 8. Because of the
particular circumstances at the time each aircraft was going through its project
phase, it is very difficult to give comparative milestones for the A300 and A310, but
the start and completion dates given in Figure 3 are as closely cquivalent as it is
possible to be.

Summarising then, the modern computational! methods have led to a significant
improvement of acrodynamic standard in reduced timfescales and with less tunnel testing
than was the case for the A300. On the other side of the equation it must be said that
this does not necessarily mean that the A310 wing design in total was carried out any
more cheaply than the A300. Computing costs balanced the rcduction in experimental costs,
but nonetheless the timescales that might have been involved in seeking the same advance
in performance with the older theoretical/experimental methods could easily have been
more than twice as long as the present achievement of less than two years, if successiul
at all!

FACTORS IN THE A310 HIGH SPEED WING DESIGN

The factors involved right from the start of the A310 wing design process are shown
in Figure 4. Looking through these items in turn, the investigations fell into three
main areas; the theoretical wing design already referred to, the wind tunnel test
programme and a combined programme including flight testing on the A300 aimed at
cleaning up the gaps, steps, etc., due to manufacturing tolerances and control surfaces,
and at checking their effects on the characteristics of the new advanced wing design.
Having referred to the impact of the new computational methods and shown the general
advance achieved relative to the A300, a full description of the basic high speed wing
design (items 1 and 2 in Figure 4) is outside the scope of this present paper as
mentioned earlicr. However, some aspects of the theoretical design are relecvant under
the heading of "interference'" (items 2 and 3) and these will be discussed along with
items 4,5 and 6 in Figure 4 which were investigated mainly expcrimentally. For the
most part, items 7,8 and 9 were concerned with the practical aspects of incorporating
gap sealing and revised control surface configurations (as demonstrated in flight on
the A300) to improve the cruise drag standard of the wing, and with checking that the




characteristics of the high speed control surfaces could be read across from the A300
to the new advanced wing design. Again, a nart of this investigation was relevant to
interference problems (item 9).

Thus it will be seen that a major proportion of the effort that went into the design
of the A310 was directed towards solving problems concerned with integrating the wing
into the aircraft as a whole, and in the remainder of this paper something will be said
about these factors in turn.

INNER WING DESIGN

The theoretical transonic design of the inboard wing was of course dominated by
interference problems, fundamentally due to the presence of the fuselage complicated by
the need to make the inboard wing as thick as possible to improve weight and fuel
volume, and to stow the undercarriage behind the basic structural wing box. Up to a
year or so before the start of the A310 programme, the theoretical methods at our
disposal could only cope with the wing root by treating it as the centre section of an
isolated swept wing. The only further allowance made for the fuselage was in
recognising that it had a pressure field as an isolated body which effectively increased
the flow velocities over the wing. This was incorporated in the wing design process as
a requirement for a higher design Mach Number than directly implied by the aircraft
cruise conditions.

Approximating the wing root section at the fuselage side by the centre section of
an isolated swept wing was known to be inadequate even at the time of the A300 design,
and the situation was worse when the newer methods offered the possibility of designing
for shock-free supersonic flow over the wing surface. This is shown in Figure 5, where
an acceptable near shock-free theoretical pressure distribution for the centre section
of an isolated swept wing is compared with the predicted pressure distribution for the
wing/fuselage combination, with the same geometry at the same conditions. It may be
seen that a stronger shock is present on the wing upper surface with the fuselage
present, but on the other hand, the velocities on the wing lower surface are less than
predicted in the '"wing alone' case. These effects were indeecd demonstrated on a
research wing designed by the wing-alone transonic theory in the period before the
start of the work for the A310. Of course, the A310 was designed (by an iterative
procedure) to achieve the original near shock-free type of pressure distribution in the
presence of the fuselage, and full use was made of the effect of the fuselage on the
wing lower surface to design for the maximum root thickness consistent with the desired
lift distribution across the span and the practical restraints on the depth of the wing
centre section within the fuselage.

It should be noted that the wing/fuselage transonic flow calculation method
available to us for routine use at the time of the A31C wing design represented the
fuselage as an infinitely long body of constant cross-sectional shape. At least for
the A310 application, and perhaps generally for transport aircraft where the wing is
mounted on the parallel sided centre section of the fuselage, this assumption had been
shown to be quite adequate as long as the fuselage ''supervelocity' effect mentioned
earlier is taken into account. The effect of the finite length of the fuselage on the
increase in the flow velocities past the wing was an important consideration for the
A310, which being a reduced capacity derivative of the A300 has a fuselage with a
relatively high diameter to length ratio. Simple isolated body calculations showed
that the effective average increase in flow Mach Number past the wing due to the
shortening of the fuselage relative to the A300 was of the order [&M = 0.0045. Thus
at constant flight Mach Number, a reduction in the drag rise Mach Number of the wing
by the same amount was predicted, and was incorporated in the wing design process.
Although close to the accuracy achievable in the wind tunnel tests, the equivalent
small but not negligible effect on cruise drag was indeed found in experiment (Figure 6).

The wing planform for the A310 is very heavily cranked at the trailing edge
{Figure 1). Similar to the A300, this resulted from a requirement to maintain the
trailing edge sweep of the outboard wing whilst giving (a) sufficient space and depth
in the inner wing to stow the undercarriage behind the main load carrying structural
wing box and (b) more scope for increasing the overall depth of the inner wing for
lighter weight and increased fuel tank volume. There has been some discussion about the
problems that such a pronounced trailing edge crank might cause in a modern wing design,
but with the design philosophy we followed for the A310, the planform crank just did
not give any significant trouble. Certainly, the three dimensional calculation methods
available at the time weré believed to be misleading in the region of the planform
crank. However, here the experience of the design team helped, and we followed the
same basic concept as on the A300 in designing for isobars (lines of constant pressure)
in the forward supercritical flow region which tay along constant percentage chord lines
of the basic "trapezium' wing planform (Figure 2). This was backed up by arranging the
generators actually defining the doubly curved surface of the wing along the same lines,
and defining the curvature of the inboard trailing edge so that the wing section
incidence was held low just inboard of the crank.

One example of the success achieved is given in Figure 7, where wind tunnel test
wing upper surface isobars for the supersonic zone are shown at a condition where a
substantial shock wave has formed above the cruisc 1ift coefficient range and closec to
the buffet boundary at the long range cruisc Mach Number. A near constant shock sweep
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has been maintained (indicated by the region where the isobars bunch together at the rear
of the supersonic zone) with some weakening of the main shock on the inner wing with a
hint of the formation of the traditional forward ''lamda' double shock system near the
root.

EFFECT OF THE TAILPLANE ON WING TWIST OPTIMISATION

In searching for an improvement in aerodynamic standards it is very rarely, if
ever, that an advance is obtained completely free from attendant problems which must be
allowed for in the total optimisation of the project. Thus in obtaining the improved
clean wing standards indicated in Figure 2, it was inevitable that the increased load
carrying capability of the wing sections was accompanied by higher sectional nose down
pitching moments. This in turn implied higher tailplane down-loads to trim the
aircraft about its centre of gravity, to some extent reducing the load carrying
improvement from the wing and also increasing the importance of considering the wing
plus tailplane drag in the trimmed condition, when optimising such parameters as wing
twist and load distribution across the span., Particularly on a highly loaded, high
aspect ratio swept wing, there are very powerful reasons for wishing to increase the
load carried inboard relative to outboard, either by tapering the planform or by
reducing the incidence of the outboard wing sections. Not the least of these is the
consideration of wing weight and indeed the A310 wing is more highly tapered than that
of the A300. This further leads to a requirement to add more "wash out" to the wing
(i.e. reduce the local wing section incidence outboard) to reduce the maximum local lift
coefficients which tend to occur well outboard due to the basic effects of sweep and
taper. The limit on what can be done in this respect is the vortex drag penalty
incurred, due to the spanwise loading moving further and further away from the optimum
elliptic loading for minimum vortex drag.

However, concentrating the load inboard on the three dimensional swept wing gives
a nose-up pitching moment, which helps to compensate the increase in nose down
sectional pitching moment referred to earlier. This effect then tends to reduce tne
tail down-load, which has two important effects on drag: (a) for a given trimmed lift
coefficient the wing lift coefficient is reduced, reducing the wing vortex drag and,
particularly at important cruise conditions, the wing compressibility drag, and (b)
the drag of the tailplane itself is similarly reduced. Hence, an early parametric
study was carried out which showed that at the long range cruise conditions of lift and
Mach No. the wing vortex drag penalty relative to the elliptically loaded "optimum'
could be allowed to rise significantly to obtain the optimum overall drag.

WING ROOT FILLET OPTIMISATION

We now turn to some of the interference aspects investigated in the experimental
programme. In general, it has been found that these items (summarised in Figure 4)
have not in the end had a very large effect on the aerodynamic design of the wing
itself, rather that the increase in wing thickness allowed by the advance in standards
made it that much more difficult to maintain or improve upon the current standards of
low interference drag due to the wing/fuselage junction etc., achieved on the A300.
Looking at the wing root first, the traditional development area is at the rear of the
wing chord where without suitable filleting of the junction a region of separated flow
is likely to result. The very large increase in thickness/chord ratio of the root
section on the A310 led to the expected worsening of the separation problem relative
to the A300, with the result that the wing root trailing edge fillet has been increased
in size giving the saving in cruise drag as shown in Figure 8. It should, of course,
be remembered that the cruise drag improvements quoted in Figure 8 are indeed relative
to A300 type fillets,.but as applied to the A310 and are not improvements which could be
achieved anyway on the A300. It is perhaps less widely realised but nonetheless well
documented (for example references 2 and 3) that there is also a flow separation
problem at the leading edge of the wing. Without special filleting, the fuselage
boundary layer approaching the wing cannot traverse the adverse pressure gradient close
to the leading edge stagnation zone, and it separates from the fuselage side, rolling
up into a '"stand-off vortex" which is shed above and below the wing/fuselage junction.
The energy going into the vortex - and hence drag - can be expected to be a function of
the boundary layer thickness approaching the wing and the width of boundary layer flow
affected, which must clearly in turn be a function of the wing root depth close to the
leading edge.

The significance of the wing root '"stand-off vortex" was appreciated by the
Hatfield design team more than fifteen years ago in work on a quite different project,
and indeed a fillet aimed at suppressing this vortex was included on the A300.

However, because of the relatively smaller wing root leading edge radius of the A300,
the potential gain for suppressing the vortex completely was fairly modest - of the
order }% of cruise drag-and so only a small partially effective leading edge fillet

was incorporated which would not interfere with the chosen geometry of the leading edge
high 1ift devices. On the other hand, with the A310 wing root design, which was much
thicker than the A300 especially near the leading edge, tunnel tests soon showed that
the potential improvement in cruise drag for suppressing the stand-off vortex was
significantly higher - of order 1]%. With this higher potential gain and the increased
emphasis on fuel economy at the time of the A310 design, it was decided to incorporate
a larger wing root leading edge fillet to suppress the vortex fully and this time design
the high lift device around the fillet.
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The development of this leading edge fillet for the A310 was a classic example of
the use of traditional "try it and see' experimental methods. It was feasible to
envisage using theoretical methods to assist in designing the fillet, but it was clear
that in this case it was far more economical in time and effort to do the job in the wind
tunnel. The problem was one which could be attacked in the initial stages in an
unpressurised low speed wind tunnel, where several configurations could be studied quickly
and cheaply. Even in these sophisticated days, there are still some circumstances left
where there is no substitute for a human operator with an eye for a smooth line and with
an ¢ xperienced thumb to mould the plasticene! Following initial development, a more
restricted set of fillet shapes was checked at higher Reynolds Number and at c¢ruise
Mach Numbers. A photograph of the flow streamlines over the surface of the chosen
fillet at a typical cruise condition is shown in Figure 9, where it may be seen that the
vortex has been completely suppressed with the flow dividing smoothly along the leading
edge of the fillet. The cruise drag saving relative to the A300 size fillet was of order
1 1/3% as indicated in Figure 8.

FLAP SUPPORT FAIRINGS

Naturally, most of the important aerodynamic aspects in optimising the flaps
themselves, and their support and drive systems, were concerned with the flap effective-
ness in improving take-off climb performance and reducing take-off and landing distances.
Aerodynamic efficiency then had to be balanced against weight, and structural and
mechanical simplicity. However, the fairings necessary to enclose the flap supports and
drive system have a significant effect on cruise drag, both from the straightforward
increase in skin-friction drag from the extra surface area, and from interference with
the drag rise characteristic etc. of the wing at cruise Mach Numbers.

It was recognised from tests done at the time of the A300 deveiopment that the
underwing fairings designed for that aircraft (see Figure 1) had a beneficial effect on
the wing drag rise lift coefficient/Mach Number boundary, which under some conditions
more than offset a small low Mach Number basic adverse interference drag increment due
to adding the fairings below the wing. An example of this from A300 wind tunnel tests
is shown in Figure 10(a), where the interference drag (that is, the drag over and above
a simple skin friction plus form drag estimate) due to adding the fairings to the wing
is plotted against 1lift coefficient at a typical cruise Mach Number. Although a small
reduction in drag with increasing 1ift coefficient might be expected as the general flow
velocities reduce on the wing lower surface, it may be seen that the trend is not
progressive, the interference drag reducing slowly to a lift coefficient of about 0.4
followed by a much more rapid fall-off until the interference has become favourable
above a lift coefficient of about 0.43. It was also noted that the A300 fairings had
the effect of increasing the wing l1ift at a constant incidence and this appeared to be
the key to the changes in interference drag, as became clearer in the work for the A310.

The alternative flap systems that were considered for the A310 required the
investigation of the high speed interference effects of the three types of fairings shown
in the sketch in Figure 10. Fairing (1) was similar to the A300 type (see also Figure 1)
except that it was suitable for a flap with less rearward translation when deployed for
take-off an? landing. This implied that for minimum additional surface area the
parallel sided centre section of the fairing finished well before the wing trailing edge,
and the fairing was closed with only a small length extending aft of the wing. Fairing
(2) was designed for approximately the same flap area extension as was Fairing (1),
but for a completely different support system. This fairing was much narrower in front
view than (1), which meant that the fairing could be closed completely in front of the
wing trailing edge, but on the other hand it extended to a greater depth below the wing.
Fairing (3) was very similar to the A300 design. It was suitable for two alternative
support and drive systems which were being investigated for flaps giving rather more
area extension than those for which Fairings (1) and (2) were designed.

The effect that these fairings had at a typical cruise Mach Number can be seen by
referring to Figure 10(b). The Mach Number is the same as for the A300 in Figure 10(a),
and again the interference drag is presented, that is with the estimated isolated skin
friction and form drag subtracted from the experimental drag increment due to adding the
fairings to the wing. Also shown, in Figure 10(c), is the effect that all the fairings
had on 1ift at constant incidence, and these increments were found to reflect directly
into the 1ift coefficient for the onset of buffeting - that is into the maximum
altitude capability of the aircraft. All fairings were found to have an adverse
interference drag at low 1ift coefficients relative to the simple estimate. However,
as may be secen from Figure 10, they had a remarkably different effect as lift
coefficient increased, which appears to correlate directly with their effect on 1lift
coefficient at constant incidence., Fairing (3) shows a similar behaviour to the A300,
as was expected from the similarity in geometry. Lift is increased at constant
incidence and at high lift coefficient the interference on drag is favourable, Fairing
(1) had a neutral effect on both lift and drag, and Fairing (2) reduced 1ift at
constant incidence and showed an increased adverse effect on drag at high 1lift
coefficient, Flow visualisation carried out during the high speed tests showed that
this different behaviour could not be explained by the presence of local shock waves
around the fairings, hy flow separation in the wing/fairing junctions, nor by any
fundamental changes in the wing upper surface supercritical flow development or shock
pattern. :




When these different interference characteristics were first noted (between the
behaviour of the A300 fairings and Fairings (1) and (2)), a low speed test was quickly
set up to see whether, just as for the wing root fillet investigation, the cheaper low
speed facility could be used to develop improved geometries. It was found that at low
speed the 1ift effects were still present but that the differences in drag interference
had disappeared. This appeared to confirm the suspicion that we already had that the
basic effect of the different fairings was the change in 1ift, which was presumably
coming from a change in the pressure distribution on the wing lower surface due to the
presence of the fairings. Thus, at low speed one might expect only minor differences in
drag interference, but at a constant lift coefficient at cruise Mach Number the wing
upper surface would be operating at differing levels of shock wave drag depending on
which fairings are present. It was quickly shown in the low speed tests that rearward
extension of the parallel part of Fairings(2) (i.e. as Fairings(3)), thus making them
more alike those of the A300, recouped the lift increase at constant incidence. High
speed tests on Fairings (3) then confirmed that the favourable drag interference
characteristics had also been obtained.

Further evidence of the reason for the drag interference behaviour is given in
Figure 10, where the lift coefficient for the onset of wing (upper surface)
compressibility drag is given, and can be seen to be closely associated with the point
at which the rapid change in interference drag level starts on the A300 fairings and
A310 Fairings (2) and (3). The reason for the basic effect of the fairings on 1ift has
not yet been fully explored, but clearly it is critically dependent on the extent and
shape of the fairings near the wing trailing edge. The principles of Fairing (3) were
then used in the design of the final fairings for the A310, which were similar to those
on the wind tunnel model shown in Figure 13,

NACELLE/PYLON/WING INTERFERENCE

The general problems of installing the powerplant below the wing are well known
and have indeed been the subject of several papers given to AGARD conferences in the
past (for example Reference 4). On large transport aircraft with wing mounted by-pass
fan-jet engines, the forward slung pylon mounted installation is almost universal and
the A300 and A310 are no exception. The main problem at cruise Mach Numbers of course
is to ensure that premature shock wave drag is not encountered due to the very high flow
velocities which can exist in the ''channel' presented to the airstream between the wing
lower surface, the pylon side and the nacelle upper surface. The interaction with the
engine exhaust flow, particularly the fan stream, exacerbates the problem, and it is
indeed possible for the presence of the wing to induce a shock pattern and attendant
interference drag within the fan exhaust flow itself. As always, the situation is one
of compromise between the optimum aerodynamics and a practical engineering installation.
Even on the aerodynamic side in deciding the pylon geometry for instance, there is a
possible conflict between what is required to delay shock wave onset, and to give the
optimum effect on other parameters such as the wing span loading and induced drag.

Traditionally, and this was the case for the A300, the wing itself has been designed
in the absence of the interference effects due to the engine installation, and then the
nacelle position and support pylon geometry have been designed to minimise any adverse
interactions. With the experience gained on the A300, the overall effects from the
engine installation were borne in mind in the A310 wing design process, but having said
that, this did not have a very big impact. A complete description of the aerodynamic
work entailed in the A310 engine installation is not possible in this paper if for no
other reason than that the work is still continuing. The current investigation is aimed
at settling the last details of the pylon fairing shapes behind the main structural
cantilever member which supports the engine, and in the junctions between the wing and
pylon and nacelle. ilowever, this work is all mainly concerned with optimising the pylon
geometry and in this present paper on the A310 wing configuration we must return to the
effects on the wing design itself.

There were three basic effects of the presence of the engine nacelle and pylon
which were considered in the high speed wing design. The first was the effect already
referred to of significantly increased flow velocities over the forward part of the
aerofoil chord, and this had an input into the choice of the aerofoil lower surface
pressure distribution as shown in Figure 11. Although the flatter "rooftop" type of
pressure distribution did have some advantages, for instance the reduced level of
maximum velocity, it was rejected among other reasons (a) for the higher velocities
forward on the chord where the superimposed effect from the engine is worst, and (b)
coming back to the trim drag problem it would have further increased the nosc down
pitching moments of the wing sections. The second effect that was recognised in the
wing design was that, although there is very little influence on the form of the
wing upper surface pressure distributions, the presence of the nacelle does have an
effect on the incidence of the "onset" flow scen by the wing sections. The effective
wing section incidence is reduced near the nacelle and theoretically this can be
recouped by re-twisting the wing. Although it would not be possible, or even desirable,
to offset this local effect completely, because of the implications on the structural
complexity, etc., a certain amount of extra incidence was built into the wing around
the planform crank area. Model tests showed that indeed the presence of the nacelle
and pylon appeared to have had little detrimental effect on the supercritical flow
development of the wing upper surface.

Y
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The third and last effect on the wing design was mainly a geometric one.
Installing the modern large fan jet engine below the wing puts space at a premium in
the vertical direction with the requirements to provide adequate clearance between the
wing, the engine and the ground, and on the other hand to reduce the main landing gear
leg length to a minimum dictated by other parameters to save weight and cost. Thus, in
setting up the spanwise wing dihedral it was necessary to get as much height as possible
at the engine station relative to the main landing gear hinge position, although this
was not allowed to compromise the overriding consideration of not interfering with the
aerodynamics of the wing upper surface. This led to the very pronounced 'gull wing"
effect shown in Figure 12, but where it may be seen that the junction of the wing upper
surface and the fuselage has not been allowed to go much below 90° and the spanwise
curvature anywhere on the forward part of the wing upper surface has been held to very
low values.

Sufficient wind tunnel testing was done before the wing geometry was frozen to
demonstrate that the nacelle installation effects could be held at least to the same
levels as on the A300. As already mentioned, a comprehensive optimisation programme
for the powerplant installation was then mounted, and is still proceeding, making full
use of the latest techniques for simulating the engine airflows. One of the series of
models tested, or soon to be tested, in England and France is shown in Figure 13, this
model being the first A310 half model using a Turbine Powered Simulator engine, which
was tested last year in the 9ft. x 8ft. (2.7m x 2.4m) transonic tunnel at the Aircraft
Research Association, Bedford.

THE "CLEAN UP" PROGRAMME

Items 7 and 8 of Figure 4 will not be discussed fully in this paper as they are
part of the routine product development programme for any family of civil airliners,
particularly with the current emphasis on reducing drag to the absolute minimum for
improved fuel economy. Item 9 however was of particular importance for the A310. It
was an essential part of the overall economics of the new wing that many of the same
manufacturing techniques and timescales for building the main structural wing box
could be applied as for the A300. It was therefore important that such imperfections
as steps at the joints between wing skins, and the minimum practical tolerances on the
accuracy with which the wing profile could be maintained across the chord, should not
interfere with the advanced aerodynamic performance being sought and being demonstrated
on the high speed wind tunnel models (which of course had been built to the theoretical
geometry). Somewhat to our surprise, our theoretical work and a check wind tunnel test
showed that the required tolerance on steps at joints was not likely to lead to any
significant new problems on the A310 wing design. However, a cautionary note was
sounded on the effect of inaccurate profiles. Again, the advent of the new era of
transonic computational methods enabled us to superimpose a surface '"Wave'" on the
nominal profile and quickly investigate the effect on the supercritical flow development
of varying its position, magnitude and wavelength. Indeed, this would have been very
difficult to check by wind tunnel testing because of the time and expense of the number
of models involved, even if these were only simple two-dimensional wing sections.

The results of the theoretical investigation into the effects of profile errors
proved very valuable, and showed that the ''waviness'" criterion that had been used for
the A300 (a maximum permitted ratio of wave amplitude to wave length) was not
appropriate, as at certain critical conditions long wavelengths could lead to even worse
interference with the supersonic flow development than short wavelengths, for a given
wave amplitude. The criterion for the A310 was therefore recast in terms of maximum
permitted wave amplitudes alone and checks were carried out on existing wings built for
the A300 to see if this new criterion was being met (and therefore was likely to be met
on the A310 ). These checks were in the main very satisfactory, and confirmed that the
basic manufacturing procedures could be carried forward to the A310.

CONCLUDING REMARKS

In the preceding sections of this paper I-hope that I have been able to demonstrate
that the high speed design of a wing for a modern transport aircraft involves the
consideration of the aircraft as a complete entity. Also that this formed a very large
part of the aerodynamic design programme for the A310, to ensure that the basic advances
offered by the new transonic computational methods were not thrown away by interference
penalties. All through the A310 programme the close family relationship with the A300
enabled the already good standards set by that aircraft to be used as a yardstick in

assessing the new design. The situation is summarised in the last figure, Figure 14, .
in terms of one of the parameters which go towards building up the total drag of the >
aircraft. This is the same parameter as used in Figure 2 to demonstrate the advance /,”

achieved with the A310 clean wing relative to the A300, that is the "compressibility
drag rise boundary" or alternatively the 1ift coefficient boundary at which the -
aircraft drag increases 