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SUMMARY

An investigation has been conducted in the Langley 6- by 28-Inch Transonic
Tunnel to determine the two-dimensional aerodynamic characteristics of three
helicopter rotor airfoils at Reynolds numbers from typical model scale to full
scale at Mach numbers from about 0.35 to 0.90. The model-scale Reynolds num-
bers ranged from about 0.7 x 106 to 1.5 x 106 and the full-scale Reynolds num-
bers ranged from about 3.0 x 106 to 6.6 x 106. The airfoils tested were the
NACA 0012 (00 Tab), the SC 1095-R8, and the SC 1095. Both the SC 1095 and the
SC 1095-R8 airfoils had trailing-edge tabs.

The results of this investigation indicate that Reynolds number effects
can be significant on the maximum normal-force coefficient and all drag-related
parameters; namely, drag at zero normal force, maximum normal-force-drag ratio,
and drag-divergence Mach number. In general, the increments in these parameters
at a given Mach number owing to the model-scale to full-scale Reynolds number
change are different for each of the airfoils.

INTRODUCTION

The development of new rotors generally includes predictions of the
full-scale rotor performance based on extrapolation of small-scale-model rotor
wind-tunnel results and based on rotor-performance analysis programs using two-
dimensional airfoil data at full-scale Reynolds numbers. Both prediction meth-
ods have inherent difficulties. The extrapolation of model-scale data requires
a knowledge of how to increment the airfoil-section data for Reynolds number
effects, and data for this purpose are seldom available. Rotor-performance
analysis programs are already quite sophisticated, but they require a detailed
knowledge of the rotor flow field. Improvements of these analysis programs can
best be accomplished by correlation studies which require airfoil-section data
at both model-scale and full-scale Reynolds numbers.

In order to provide data for evaluating extrapolation methods and for
rotor-performance correlation studies, the two-dimensional aerodynamic charac-
teristics of three helicopter rotor airfoils have been determined at Mach num-
bers from 0.35 to 0.90 and at Reynolds numbers from model scale to full scale.

The model-scale Reynolds numbers ranged from about 0.7 x 106 to 1.5 x 106, and
the full-scale Reynolds numbers ranged from about 3.0 x 106 to 6.6 x 106. The
airfoils investigated were the NACA 0012 (00 Tab), the SC 1095-R8, and the
SC 1095. All three airfoils have a tab, which is a flat platelike extension to
the normal trailing edge of an airfoil, that is usually used to reduce the air-
foil pitching-moment coefficient. These airfoils were chosen because some data
on model rotors and full-scale rotors utilizing these airfoils were available.
(ref . 1 and 2) or were expected to become available.



SYMBOLS

The units used for thej physical quantities in this paper are given in both
the international Systems-M<Units (SI) and U.S. Customary Units. ThS measure-
ments and calculations vere made in U.S. Customary Units.

[c airfoil chord, cm (in.)

cdj section profile-drag coefficient, cd-
c

Wake

CA point-drag coefficient,

6/ (tp 2/7.. r 1(pt /1 7  (Pt/P) 2 /7  1/2j

S/7(Pt CP ) -/ L p'1p)/
P (t,/.) 1  

-cc~ (-4 4~ 2

cd Md section profile-drag coefficient at drag-divergence Mach number

CM section pitching-moment coefficient about quarter-chord,

S[CP (0. 25 - + (p()(x + C [ .25 x)(&-

U.S. L.S.

Cn ~ static-pnrssu rce coefficient, - AE + C(X

h height of vake-survey probe tubes from given reference plane, on (in.)

M Mach number

Mdd Mach number for drag divergence, dcd/d34 0.1

p static pressure, Pa (psi)
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q dynamic pressure, Iv 2, Pa (psi)

R Reynolds number based on airfoil chord and free-stream conditions

t airfoil thickness, cm (in.)

v velocity, m/sec (ft/sec)

x airfoil abscissa, cm (in.)

z airfoil ordinate, cm (in.)

zc ordinate of airfoil mean line, cm (in.)

a angle of attack, angle between airfoil chord line and airstream
direction, deg

ac  angle of attack corrected for lift-interference effects, deg

p density, kg/m 3 (slugs/ft3)

Subscripts:

1 local

max maximum

o zero normal force

sep separation

t total

Gfree stream

Abbreviations:

L.S. lower surface

U.S. upper surface

APPARATUS AND METHODS

Airfoils

The airfoil profiles are shown in figure I and the thickness distributions
and mean lines are shown in figure 2. The SC 1095-R8 airfoil was derived from
the SC 1095 airfoil by the addition of a drooped nosel the mean line of the
resultant airfoil forward of about 20-percent chord is drooped relative to that
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of the SC 1095 airfoil, and the thickness of the SC 1095-RS airfoil forward of
about 15-percent chord is greater than that of the SC 1095 airfoil. Both air-
foils have a trailing-edge tab which is about 3-percent chord in length and is
deflected upwards about 30. The maximum thickness of the SC 1095 airfoil as
tested is 9.1-percent chord and is located at the 25-percent-chord station; the
maximum thickness of the SC 1095-RB airfoil as tested is 9.0-percent chord and
is also located at the 25-percent-chord station. The maximum camber of the
SC 1095 airfoil is 0.8-percent chord; the SC 1095-R8 airfoil has the same
positive camber as the SC 1095, but it has a maximum mean-line ordinate of
-1 .6-percent chord. The addition of the 00 Tab to the NACA 0012 airfoil results
in a reduction of the maximum thiqkness from 12-percent chord to 11.7-percent
chord. The design coordinates for these airfoils are given in tables I to II.

The airfoils were machined from heat-treated stainless-steel blocks and had
spans of 15.27 cm (6.010 in.) and chords of about 7.87 am (3.1 in.). The models
had about 22 orifices located in one chordwise row on each surface; the orifice
rows were positioned 12.6-percent span on either side of midspan (tables IV
to VI). Slots were milled in the airfoil surface and tubes were placed in the
slots and then covered with epoxy. The final airfoil contour had a surface fin-
ish of 0.813 im (0.000032 in.). The orifices were then drilled from the oppo-
site sides of the model so there were no surface irregularities near the orifice
row. The orifices had a diameter of 0.0508 am (0.020 in.) and were drilled per-
pendicular to the local-surface contour.

Wind Tunnel

Tunnel description.- The Langley 6- by 28-Inch Transonic Tunnel (ref. 3)
is a blowdown wind tunnel with a slotted floor and ceiling and is generally
operated at stagnation pressures from about 207 kPa (30 psia) to 621 kPa
(90 psia) and at Mach numbers from 0.35 to 0.90. The selection of the 0.05-
open-slot geometry is described in detail in reference 4. Mach number is con-
trolled by hydraulically actuated choker doors located downstream of the test
section. The airfoil model spans the 15.27-am (6.010-in.) width of the tunnel
(fig. 3) and is rigidly attached by mounting tangs to two circular end plates
which are driven by a hydraulic actuator to position the airfoil at the desired
angle of attack. A test run usually consists of an angle-of-attack sweep at a
constant Mach number and Reynolds number.

Two-dimensionality of flow.- The results of a previous investigation of
rotorcraft airfoils in the Langley 6- by 28-Inch Transonic Tunnel (ref. 5)
have shown that the indicated maximum normal-force coefficient is reduced by
tunnel-wall boundary-layer influences. This reduction is characteristic of
two-dimensional wind tunnels without proper sidewall boundary-layer control
and occurs because the tunnel-wall boundary layer is thicker than that of the
airfoil; therefore, initial separation begins at the tunnel wall. Efforts are
under way to correct this difficulty, but the solution was not available for
the investigation described in this paper.

Although it is not possible to determine precisely the affected Mach
number range or the loss in maximum normal-force coefficient of the airfoils
reported herein, a comparison of the NACA 0012 data measured in this facility
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with 0.125 open slots (ref. 5) with unpublished data from two other facilities
has been useful in indicating the magnitude of these losses. The maximm
normal-force coefficients measured in the Langley Low-Turbulence Pressure
Tunnel and the United Technologies Research Center 8 foot tunnel at similar
Reynolds numbers and at a Mach number of 0.36 are higher than that from the
Langley 6- by 28-Inch Transonic Tunnel by about 0.15. The difference between
the data from the Langley 6- by 28-Inch Transonic Tunnel and the United Tech-
nologies data decreased to 0.10 at a Mach number of about 0.55. Incremental
values for other airfoils may vary slightly because of specific configuration
influences.

An investigation conducted in the Office National d'Etudes et de Recherches
Aerospatiales (ONERA) Ri Ch wind tunnel (ref. 6) has shown that the tunnel side-
wall boundary layer can affect the normal-force coefficients at all angles of
attack (that is, with either attached or separated boundary layers). In this
investigation, the sidewall boundary-layer thickness was varied by applying
sidewall suction upstream of the model while the Mach number and Reynolds num-
ber were held constant. Generally an increase in sidewall boundary-layer thick-
ness resulted in a decrease in the normal-force coefficient at a given angle of
attack; the trend reversed at Mach numbers greater than 0.85 with a supercriti-
cal airfoil.

Apparatus

Wake-survey probe.- A traversing wake-survey probe is cantilevered from one
tunnel sidewall to measure the profile drag of the airfoils. The probe vertical
sweep rate, which was selected after experimental determination of acceptable
lag time in the pressure measurements, was about 2.54 cm/sec (1.00 in/sec).

The probe was located 3.69 chords (based on the 7.87-am (3.10-in.) chord
model) downstream of the airfoil trailing edge and has a maximum vertical travel
of about ±27.9 cm (±11.0 in.) from the tunnel center line (fig. 3). Data are
acquired with four total-pressure tubes, which are made of stainless-steel
tubing, with a 1.53-mm outside diameter and a 1.02-n inside diameter (0.060 in.
by 0.040 in.); the tubes are spaced 0.953 cm (0.375 in.) apart laterally as
shown in figure 4.

Instrumentation.- All measurements made during the test program were
obtained with the use of a high-speed, camputer-controlled digital data acqui-
sition system and were recorded by a high-speed tape-recording unit (ref. 3).
All free-stream conditions were determined from stagnation and static pressures.
All airfoil surface pressures and all wake pressures were measured with preci-
sion capacitive potenticmeter pressure transducers. The electrical outputs
from each of these transducers were connected to individual autoranging signal
conditioners which have seven available ranges. The output signals fram the
four signal conditioners measuring the wake pressures were filtered with
20-Hz low-pass filters before input to the data acquisition system; the range
of frequencies to be passed was experimentally determined during a previous
investigation. The geametric angle of attack was determined from the output
of a digital shaft encoder attached to a pinion engaging a rack on one model
support end plate.
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Tests and Methods

All of the testing was conducted with smooth model surfaces. Tests were
made at stagnation pressures from 121 kPa (17.5 psia) to 138 kPa (20 psia) to
obtain Reynolds numbers typical of model-scale rotors at Mach numbers from about
0.35 to 0.90. This range of stagnation pressures was below that normally run in
the Langley 6- by 28-inch Transonic Tunnel, and a tunnel calibration at these
pressures indicated that a new calibration should be used to reduce these data.
An additional new calibration was used to reduce data at stagnation pressures
from 165 kPa (24 psia) to 193 kPa (28 psia). This range of stagnation pressures
was used to obtain data at Reynolds numbers between model scale and full scale.
The full-scale Reynolds number data were obtained by testing at stagnation pres-
sures from 531 kPa (77 psia) to 621 kPa (90 psia) at the lowest and highest test
Mach numbers, respectively. Geometric angles of attack ranged from -40 to 180
at increments of 20 at the lower test Mach numbers; this range was decreased at
the higher test Mach numbers.

Section normal-force and pitching-mcnent coefficients were calculated from
the airfoil surface pressures by a trapezoidal integration of the pressure coef-
ficients. The pressure coefficient at the most rearward orifice on each surface
was applied from that station to the airfoil trailing edge in the integration
because the small model size did not allow installation of orifices in the air-
foil tab. Each of the pressure coefficients represents the average of five mea-
surements obtained in a 1.0-second interval. A form of the equation described
in reference 7 was used to calculate the point-drag coefficients from the mea-
sured wake pressures, and a trapezoidal integration of the point-drag coeffi-
cients was used to calculate the drag coefficient. The static pressures used in
the wake drag calculation were measured with tunnel sidewall orifices located at
the same longitudinal tunnel station as the tips of the tubes on the wake-survey
probe. All of the drag coefficients presented in this paper represent the mean
of the measurements made with three total-pressure tubes on the wake-survey
probe in one sweep through a wake. The corrections for lift interference, which
have been applied to the angles of attack, were obtained from references 4
and 8. The basic equations for the correction (see ref. 8) are

ac = a3 + Act

where

-n c 1\10

8 \3.9/k+

a
k -K

h

and a is the slot spacing and h is the semiheight of the tunnel. The
slotted-wall boundary-condition coefficient k for the present tunnel config-
uration is 0.4211K. A value of 3.5 was selected for the slotted-wall perform-
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ance coefficient K, based on the data and discussion presented in reference 4.

This substitution results in a correction given by the equation

Aa. = -CnC(O.0800)

where c is in centimeters, a is in degrees, and the constant is in degrees
per centimeter.

PRESENTATION OF RESULTS

The results of the investigation have been reduced to coefficient form and
are presented in the following table:

Results Airfoil Figure

cn against (1c; cm and cd  NACA 0012 (00 Tab) 5
against cn SC 1095-R8 6

SC 1095 7

cn,max against M NACA 0012 (00 Tab) 8
SC 1095-R8
SC 1095

cd,o against M NACA 0012 (00 Tab) 9
SC 1095-RB
SC 1095

(cn/cd)max against M NACA 0012 (00 Tab) 10
SC 1095-RB
SC 1095

cn against Mdd NACA 0012 (00 Tab) 11
SC 1095-R8
SC 1095

CdM against c n  NACA 0012 (00 Tab) 12
SC 1095-R8
SC 1095

Cp against x/c NACA 0012 (00 Tab) 13, 16, 20
SC 1095-R8 14, 17
SC 1095 15, 18

(lac) sep and (x/c) sep SC 1095-R8 19
against M

Cp against M SC 1095-R8 21
SC 1095

cd against M SC 1095-R8 22
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DISCUSS ION

Normal Force

Maximum normal-force coefficient.- The maximum normal-force coeffi-
cients of the NhCA 0012 (00 Tab), the SC 1095-RB, and the SC 1095 airfoils have
been determined from the normal-force curves presented in figures 5(a), 6(a),
and 7(a), respectively, and are plotted as a function of Mach number in fig-
ure 8. Figure 8 shows that the effect of Reynolds number on Cn,max is differ-
ent for the three airfoils. The maximum normal-force coefficient increases with
increasing Reynolds number for the range of Mach numbers presented for both the
HACA 0012 (00 Tab) and the SC 1095-R8 airfoils but not for the SC 1095 airfoil.
Increases in Reynolds number result in little change or a small reduction in
Cn,max for the SC 1095 airfoil. In addition, the increment in cn, max result-
ing from the same increment in Reynolds number Acn/AR is not the same for the
NACA 0012 (00 Tab) and the SC 1095-R8 airfoils. These results are not sur-
prising since the flow field on these airfoils at Cn,max generally includes
regions of supercritical flow, and it has been shown that the type and magnitude
of the scale effect on Cn,max for the incompressible case do not vary in any
consistent manner (ref. 9). These trends can be explained by the normal-force
curves and the pressure distributions (figs. 13 to 18). The increases in
cn,max of the NACA 0012 (00 Tab) and the SC 1095-R8 airfoils are the result of
either one or both of the following: (1) Increased suction (more negative Cp)
on the upper surface near the leading edge at the same angle of attack (figs. 13
and 14); and (2) a delay of the turbulent boundary-layer separation to a higher
angle of attack at the higher Reynolds number. (See figs. 5(a), 13, 16, 6(a),
14, and 17.) The values of Cn,max for the SC 1095 airfoil generally decrease
with increasing Reynolds number because of the occurrence of substantial
boundary-layer separation at a lower angle of attack at the higher Reynolds num-
ber (figs. 7(a) and 15). This trend of cn,max is possibly caused by a forward
movement of a laminar separation bubble with increasing Reynolds number which
would result in a greater length of turbulent boundary layer at the higher
Reynolds number. The presence of a laminar separation bubble may be responsi-
ble for the related tendency of ac for cn,max to be generally lower at the
higher Reynolds numbers (M 0.54).

At the full-scale Reynolds numbers the values of Cn, max for the
SC 1095-R8 airfoil are higher than those for the SC 1095 airfoil at all Mach
numbers presented, but at the model-scale Reynolds numbers the values of cn, max
for the SC 1095-R8 airfoil exceed those for the SC 1095 airfoil only for Mach
numbers up to about 0.40 (fig. 8). This trend at the highest Reynolds number is
the expected result of the increased leading-edge camber and greater thickness
in the leading-edge region of the SC 1095-R8 airfoil. Figure 8 also shows that
the airfoil with the highest values of cn,max, the SC 1095-R8, has the greatest
sensitivity to increasing Mach number for M < 0.55. The decrease in cn,max
of the SC 1095-R8 airfoil is the result of either supercritical flow-induced
separation occurring at a lower angle of attack or a more extensive separation
(separation point farther forward) occurring at the same angle of attack with
increasing hach number (figs. 17 and 19). Since the SC 1095-R8 airfoil is more
highly loaded in the leading-edge region than the other two airfoils and the
boundary-layer separation reduces the leading-edge suction, the reduction in
cn,max with Mach number is greater for this airfoil.
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For the range of Mach numbers presented in figure 8, the stall of both the
NACA 0012 (00 Tab) and the SC 1095-RS airfoils becomes less abrupt as a result
of increasing Reynolds number from model scale to full scale (figs. 5(a) and
6(a)). The stall of the SC 1095 airfoil becomes less abrupt with increasing
Reynolds number for Mach numbers of about 0.39 and 0.44 but not at the other
Mach numbers (fig. 7(a)). The pressure distributions presented in figures 16
to 18 indicate that the stall of these airfoils is of the trailing-edge type by
the characteristic loss of pressure recovery (more negative Cp) on the upper
surface near the trailing edge.

Slope.- The slopes of the normal-force curves of both cambered airfoils
increase slightly with increasing Reynolds number at almost all Mach numbers
presented. The slopes of the curves of the NACA 0012 (00 Tab) airfoil are
essentially insensitive to Reynolds number changes except at the highest test
Mach number. Figure 5(a) shows a large and unusual change in the slope of the
normal-force curve of the NACA 0012 (00 Tab) airfoil with increasing Reynolds
number at a Mach number of about 0.88. The test runs at this Mach number and
a Reynolds number of 2.1 x 106 were made twice and the repeatability of the data
was excellent. The pressure distributions presented in figure 20 for an angle
of attack of about -2.00 indicate that the shock position on the upper surface
moves forward as a result of increasing Reynolds number from 1.5 x 106 to
2.1 x 106 and then moves rearward again at the highest Reynolds number. This
forward shift of the shock position results in substantially more down load
(negative lift) on the rear of the airfoil at a Reynolds number of 2.1 x 106,
thus giving rise to a steeper slope.

The SC 1095-RB and SC 1095 airfoils both have near-zero normal force at
ac = 00, although they are cambered airfoils. This near-zero normal force
is the result of both the camber-line geometry and the trailing-edge tab.

Pitching Moment

The pitching-moment coefficient about the aerodynamic center (cm at

cn = 0) is essentially unchanged by increases in Reynolds number at all
Mach numbers presented for these three airfoils (figs. 5(b), 6(b), and 7(b)).
These figures also show that the only effect of Reynolds number is to change the
"knee" of the curve; that is, increases in Reynolds number generally move the
nose-down break to higher normal-force coefficients for all the airfoils at Mach
numbers up to about 0.78. This result is expected where the maximum normal-
force coefficients increase with increasing Reynolds number. At a Mach number
of about 0.88, the trend of the pitching moment of the NACA 0012 (00 Tab) air-
foil is substantially different at a Reynolds number of 2.1 x 106 than at the
lowest and highest Reynolds numbers. The reason for this difference is the
shift of the shock position with Reynolds number mentioned previously. The
pitching-moment coefficient about the aerodynamic center (cm  at cn - 0) of
the SC 1095-R8 airfoil displays the most sensitivity to increasing Mach number.
Analysis of the pressure distributions (figs. 17 and 18) indicates that the
SC 1095-RB airfoil develops supercritical flow on the lower surface at a lower
free-stream Mach number than the SC 1095 airfoil, and it is the growth of this
supersonic zone with increasing Mach number that causes the greater Mach number
sensitivity (fig. 21).
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It is interesting to note that the data of figures 6(b) and 7(b) suggest
that both of the cambered airfoils were designed for zero pitching-mament coef-
ficient, although some authors have mentioned a pitching-moment level of up to
10.021 as acceptable (ref. 10). The zero pitching-moment level of the SC 1095
and the SC 1095-RB airfoils is due to the trailing-edge tab. It is also inter-
esting to note that the leading-edge modifications made to the SC 1095 airfoil
which resulted in the SC 1095-RS configuration did not change the pitching-
moment coefficient about the aerodynamic center by more than about 0.01 for Mach
numbers as high as 0.73 but did increase the values of cn,max significantly.

Drag

Drag at zero normal force.- At a constant Mach number, the effect of
increasing Reynolds number from model scale to full scale is to reduce cd,o
for both cambered airfoils for all Mach numbers presented and to reduce cd, o
for the NACA 0012 (00 Tab) airfoil for Mach numbers up to about 0.65 (fig. 9).
The difference in Cd,o of the NACA 0012 (00 Tab) airfoil at model-scale and
full-scale Reynolds numbers is small at the lowest test Mach number (0.34), and
this difference gradually disappears with increasing Mach number. The incre-
mental decrease in cd,o at a given Mach number is generally different for each
of the airfoils; the Acd,O for the SC 1095-R8 airfoil is the largest, and that
for the NACA 0012 (00 Tab) airfoil, the smallest. These trends are the result
of the well-known reduction in laminar and turbulent boundary-layer skin fric-
tion with increasing Reynolds number (ref. 11).

The insensitivity of cd,o of the NACA 0012 (00 Tab) airfoil to Reynolds
number is consistent with low-speed data of the NACA 001 2 airfoil (refs. 9
and 12). The value of cd,o for the NACA 0012 (00 Tab) airfoil at a Mach num-
ber of 0.43 and a Reynolds number of 3.9 x 106 is about 0.0005 higher than that
measured for the NACA 001 2 airfoil in the Langley Low-Turbulence Pressure Tunnel
at a Mach number of 0.36 and the same Reynolds number (unpublished data). The
difference in drag level may be due to a higher turbulence level in the Langley
6- by 28-Inch Transonic Tunnel at stagnation pressures above about 51 7 kPa
(75 psia). Unpublished NACA 0012 airfoil data measured on two different chord
models at the same Mach number and Reynolds number in the Langley 6- by 28-Inch
Transonic Tunnel indicate a higher cd,o for the smaller chord model, thus
implying a higher turbulence level at the higher stagnation pressure (552 kPa
(80 psia)). Therefore the increments in cd,o from model-scale to full-scale

Reynolds numbers presented in this paper are believed to be smaller than those
which would be measured in free air.

Analysis of the pressure distributions indicates that the increase in
Cd,o with increasing Mach number for each of the airfoils at both model-scale
and full-scale Reynolds numbers is the result of the development of supercriti-
cal flow and shock waves.

Maximum normal-force-drag ratio.- The values of (cn/cd)max have been
determined from the drag data shown in figures 5(c), 6(c), and 7(c) and are
presented as a function of Mach number in figure 10. At a constant Mach number,
the values of (cn/cd)max for all the airfoils increase with an increase in
Reynolds number from model scale to full scale for all Mach numbers presented.

10
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The increases in this parameter with Reynolds number are the result of both a
lower skin-friction drag for a given normal-force coefficient and a delay of
turbulent boundary-layer separation to higher normal-force coefficients at the
higher Reynolds numbers. The increments in (cn/cd)ma x due to Reynolds number
at a given Mach number less than 0.70 are generally quite different for each
of the airfoils. The increases in (cn/cd)max due to Reynolds number are gen-
erally small for all the airfoils at Mach numbers above about 0.70 where super-
critical flow effects predominate over the viscous effects. This predominance
can be illustrated by showing that the knee of the drag curve is controlled by
the development of supercritical flow and not by separation. By drawing a
tangent to the drag curve of the NACA 0012 (00 Tab) airfoil at a Mach number
of 0.77 and a Reynolds number of 6.5 x 106 (fig. 5(c)), (cn/cd)max is shown
to occur at a normal-force coefficient of about 0. 26. The pressure distribution
(fig. 16(j)) corresponding to a higher cn (0.36) indicates supercritical flow

on the upper surface from about 3- to 50-percent chord and no characteristics of
separation. (Minor separation could exist aft of 93-percent chord.)

Drag divergence.- The drag coefficients at constant values of cn were
cross plotted to obtain the drag-divergence Mach numbers. The normal-force
coefficients corresponding to the drag-divergence Mach numbers at model-scale
and full-scale Reynolds numbers are presented in figure 11. The effect of
Reynolds number on Mdd is greatest for normal-force coefficients above about
0.7 for all the airfoils. The drag divergence at high normal-force coefficients
(cn > 0.7) may be controlled more by shock-induced boundary-layer separation
than by sonic flow (ref. 13) moving aft of the airfoil crest. An analysis of
the pressure distributions for these airfoils at model-scale Reynolds numbers
suggests that this is the case. This explanation for drag divergence would be
consistent with the generally larger effect of Reynolds number on Mdd at the
high values of cn because boundary-layer thickness would be crucial to drag
divergence resulting from flow separation. The drag-divergence Mach number at
zero normal-force coefficient of the NACA 0012 (00 Tab) and the SC 1095 airfoils
is unchanged by the increase in Reynolds number, but that of the SC 1095-R8 air-
foil is reduced by about 0.02 because of the increase in Reynolds number. Fig-
ure 11 also indicates that the drag-divergence Mach numbers corresponding to all
normal-force coefficients between about -0. 1 and 0.3 of the SC 1095-R8 airfoil
are lower at the full-scale Reynolds numbers than at the model-scale Reynolds
numbers. A study of the curves of cd against M for this range of normal-
force coefficients (fig. 22) indicates that the drag coefficients at a Mach num-
ber of 0.78 at the full-scale Reynolds numbers would have to be lower for the
Mdd to be as high as that at the model-scale Reynolds numbers. Although
Reynolds number has essentially no effect on Mdd of the NACA 0012 (00 Tab)
airfoil at normal-force coefficients up to about 0.75, the drag coefficient
at Mdd is reduced at the full-scale Reynolds number for normal-force coef-
ficients greater than 0.2 (fig. 12). Figure 12 shows that cdMdd decreases

with increasing Reynolds number for almost all normal-force coefficients for
both cambered airfoils.
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ODlNCLUSIOt4S

An investigation has been conducted in the Langley 6- by 28-TInch Transonic
Tunnel to determine the two-dimensional aerodynamic characteristics of three
helicopter rotor airfoils at Reynolds numbers from model scale to full scale at
Mach numbers from about 0.35 to 0.90. The airfoils included in this investiga-
tion were the NACA 0012 (00 Tab), the SC 1095-R8, and the SC 1095. Analysis of
the test data has resulted in the following conclusions:

1. The maximum normal-force coefficients of the MACA 001 2 (00 Tab) and the
SC 1095-RB airfoils increased with increasing Reynolds number at all Mach num-
bers presented. The maximum normal-force coefficients of the SC 1095 airfoil
at full-scale Reynolds numbers were about the same or slightly lower than those
at model-scale Reynolds numbers.

2. The pitching-moment coefficients about the aerodynamic center of these
three airfoils were essentially unchanged with increases in Reynolds number at
all Mach numbers presented.

3. At a constant Mach number, the drag coefficient at zero normal force

cd 0o of both cambered airfoils decreased with increasing Reynolds number for
all test Mach numbers. At a constant Mach number up to about 0.65, the values
Of Cd 'o of the MACA 0012 (00 Tab) airfoil decreased with increasing Reynolds
number. The difference in cd,o of the MACA 0012 (00 Tab) airfoil at model-

scale and full-scale Reynolds numbers was small at a Mach number of 0.34. This
difference gradually disappeared as the Mach number increased to 0.65.

4. For all test Mach numbers presented, the maximum normal-force-drag
ratios of these three airfoils at the full-scale Reynolds number were higher
than those at the model- scale Reynolds number.

5. In general, the effect of Reynolds number on drag-divergence Mach number
was greatest for normal-force coefficients above about 0.7 for these three air-
foils. The drag-divergence Mach number at zero normal-force coefficient of the
NRCA 0012 (00 Tab) and the SC 1095 airfoils was insensitive to Reynolds number
changes, but that of the SC 1095-RB airfoil was reduced by about 0.02 because
of the change from model-scale to full-scale Reynolds number.

Langley Research Center
National Aeronautics and Space Administration
Hampton, VA 23665
July 3, 1980
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TAL .- DESIGN COORDINATES FOR

[tations and ordinates given in percent
L airfoil chordJ

Station Upper surface Lower surface

0 0 0
.244 .851 -.851
.488 1.193 -1.193
.977 1.664 -1.664

1.465 2.015 -2.015
2.441 2.553 -2.553
3.418 2.972 -2.972
4.395 N~3318 -3.318
5.859 .1748 -3.748
7.324 4.101 -4.101
9.766 4.573 -4.573

11.719 4.871 -4.871
14.648 5.220 -5.220
16.602 5.399 -5.399
19.531 5.603 -5.603
24.414 5.802 -5.802
29.297 5.861 -5.861
34.180 5.809 -5.809
39.063 5.667 -5.667
43.945 5.450 -5.450
48.828 5.170 -5.170
53.711 4.836 -4.836
58.594 4.456 -4.456
63.477 4.036 -4.036
68.359 3.578 -3.578
73.242 3.086 -3.086
78.125 2.562 -2.562
83.008 2.004 -2.004
87.891 1.414 -1.414
92.773 .788 -.788
97.137 .195 -.195

100.000 .195 -. 195
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TABLE II.- DESIGN COORDINATES FOR SC 1095-RB AIRFOIL

[tations and ordinates given in

Sain Upper Lower Sain Upper Lower
Staion surface surface Sain surface surface

0 -1.621 -1.621 12.939 4.748 -3.693
.086 -1.113 -2.129 15.337 4.949 -3.693
.230 -. 681 -2.427 17.735 5.103 -3.693
.470 -. 182 -2.714 20.132 5.208 -3.693
.710 .201 -2.887 22.530 5.275 -3.693
.950 .518 -3.002 24.928 5.304 -3.693

1.189 .796 -3.088 27.326 5.304 -3.693
1.429 1.055 -3.156 29.724 5.294 -3.683
1.669 1.285 -3.204 34.519 5.208 -3.626
1.909 1.496 -3.251 39.315 5.064 -3.530
2.148 1.707 -3.290 44.111 4.882 -3.395
2.388 1.890 -3.328 48.907 4.642 -3.232
2.628 2.072 -3.357 53.702 4.364 -3.031
2.868 2.235 -3.386 58.498 4.028 -2.801
3.108 2.388 -3.415 63.294 3.654 -2.532
3.347 2.532 -3.443 68.089 3.232 -2.235
3.587 2.657 -3.462 72.885 2.762 -1.909
3.827 2.782 -3.482 77.681 2.264 -1.554
4.307 3.002 -3.520 82.477 1.726 -1.189
4.786 3.194 -3.549 87.272 1.180 -.806
5.266 3.367 -3.578 92.068 .614 -.422
5.745 3.520 -3.597 94.466 .317 -.221
6.225 3.654 -3.606 95.137 .230 -.173
6.704 3.779 -3.626 95.521 .192 -.153
7.664 4.000 -3.654 96.864 .249 -.067

8.623 4.182 -3.664 98.782 .345 .038
9.582 4.335 -3.674 100.000 .403 .086
10.541 4.479 -3.683

____________________ ____________________ ____________________ ____________________ ____________________'



TABLE III.- DESIGN COORDINATES FOR SC 1095 AIRFOIL

(Stations and ordinates given in percent airfoil chord]

Station Upper Lower Sain Upper Lower
surface surface Sain surface surface

0 0 0 16.946 5.152 -3.622
.242 .668 -.533 19.367 5.258 -3.680
.484 .988 -.804 21.788 5.326 -3.709
.726 1.259 -1.036 24.208 5.355 -3.728
.968 1.501 -1.230 26.629 5.355 -3.728

1.210 1.714 -1.385 29.050 5.345 -3.718
1.453 1.908 -1.540 33.892 5.258 -3.660
1.695 2.092 -1.666 38.733 5.113 -3.563
1.937 2.256 -1.772 43.575 4.929 -3.428
2.179 2.411 -1.879 48.417 4.687 -3.263
2.421 2.556 -1.975 53.258 4.406 -3.060
2.663 2.682 -2.063 58.100 4.067 -2.828
2.905 2.808 -2.150 62.942 3.689 -2.556
3.389 3.031 -2.305 67.783 3.263 -2.256
3.873 3.225 -2.450 72.625 2.789 -1.927
4.358 3.399 -2.576 77.467 2.285 -1.569
4.842 3.554 -2.692 82.309 1.743 -1.201
5.326 3.689 -2.789 87.150 1.191 -.813
5.810 3.815 -2.866 91.992 .620 -.426
6.778 4.038 -3.002 94.413 .320 -.223
7.747 4.222 -3.108 95.091 .232 -.174
8.715 4.377 -3.196 95.478 .194 -.155
9.683 4.522 -3.273 96.834 .252 -.068
12.104 4.793 -3.428 98.770 .349 .039
14.525 4.997 -3.544 100.000 .407 .087
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TABLE IV.- STATIC-PRESSURE ORIFICE LOCATIONS

FOR NACA 0012 (00 Tab) AIRFOIL

(Locations given in percent airfoil chord]

Upper-surface Lower-surface
station station

0 0
1.10 1.01
2.47 2.50
4.96 5.06
7.25 7.04
9.82 9.76

14.67 14.68
19.54 19.55
24.59 24.62
29.52 29.34
34.15 34.28
39.02 38.95
43.90 43.96
48.84 48.80
53.74 53.70
58.52 58.48
63.52 63.50
68.32 68.40
73.17 73.23
77.98 78.19
83.01 83.11
88.00 87.95
92.92 92.83
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TABLE V. - STATIC-PRESSURE ORIFICE LOCATIONS

FOR SC 1095-R8 AIRFOIL

[Locations given in percent airfoil chord]

Upper-surface Lower-surface
station station

0 0
1.12 1.31
2.06---
3.24 3.69
5.70 6.11
7.90 8.52

10.40 12.85
15.24---
20.10 20.03
24.88 24.84
29.67 29.62
34.46 34.41
39.29 39.20
44.09 44.00
48.88 48.81
53.67 53.60
58.50 58.39
63.28 63.22
68.07 68.02
72.87 72.80
77.66 77.59
82.49 82.37
87.28 87.19

----- ---....... ...18 .4
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TABLE VI.- STATIC-PRESSURE ORIFICE LOCATIONS

FOR SC 1095 AIRFOIL

[Locations given in percent airfoil chord]

Upper-surface Lower-surface
station station

0 0
1.05 1.20
2.40 2.33
4.66 4.63
7.10 7.05
9.56 9.56

14.34 14.51
19.33 19.34
24.21 24.16
29.07 29.05
33.89 33.87
38.77 38.72
43.59 43.58
48.46 48.41
53.30 53.25
58.16 58.08
63.00 62.98
67.85 67.71
72.68 72.66
77.50 77.53
82.29 82.37
87.25 87.19
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NACA 0012 (00 Tab)

S C 1095- R8

S C 1095
Figure I.- Airfoil profiles.
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.16 f- _-
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.08------------------
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Figure 2.- Airfoil thickness distributions and mean lines.
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9.398 (3.700)

.953(.375)
Typ.

5.080(2.000)

2.540( 0.000)

.635(.250)

T'
Figure 4.- Wake-survey probe used in Langley 6- by 28-Inch Transonic Tunnel.

All dimensions are in cm (in.).
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Figure 13.- Effect of Reynolds nuber on chordwise pressure distribution
of NACA 0012 (00 Tab) airfoil. Symbols with plus sign inside indicate
lower surface. R given in millions.
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Figure 14.- Effect of Reynolds number on chordwise pressure distribution of
SC 1095-R8 airfoil. Symbols with plus sign inside indicate lowier surface.
R given in millions.
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