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PREFACE

This lecture series presents a review of the state of the art of damage tolerance
analysis of airplanes. It shows that damage tolerance and fail safety assessment are out
of the stage that tests were the only means to get answers to the pertinent questions
regarding crack growth and residual strength. It also shows that tests are still indispensable,
s0 that the question can be raised what has been gained by the development of analysis
procedures.

Tests only give information for a few specific areas: e.g., in a full scale test only one
representative spectrum and load history are applied and only a limited number of critical
locations can be evaluated. Analysis provides the means to evaluate spectrum variations,
different airplane usage, other critical locations, and most important, design alternatives.

Analysis still has shortcomings, but many of these apply equally much to experiments
insomuch as the reliability of test data and analysis results depend largely upon spectrum
evaluation, flight load analysis, stress history, etc. Other shortcomings of the analysis can
be largely overcome by using the tests to adjust predictions of crack growth and residual
strength.

Ever¥ engineer who has been actively involved in damage tolerance analysis of real
airplane structures\has experienced that possible inaccuracies in the results of the analysis
are generally due moxe to assumptions and approximations used to generate input
information than to shprtcomings of fracture mechanics procedures. Further improvement
of fracture mechanics m¢thods will not significantly alter this situation. Therefore, there
is no justification for the\further postponement of damage tolerance analysis.

The compilation of thls Lecture Series was only possible through the co-operation
of my three fellow lecturers \  Mr T.Swift, Dr W.Schiitz and especially Prof. D.P.Wilhem
who kindly agreed to participyte at very short notice. . {

DAVID BROEK
Lecture Series Director
Columbus, 1978
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INTRODUCTION TO FRACTURE MECHANICS

David Broek
Battelle's Columbus Laboratories
505 King Avenue
Columbus, Ohio 43201

1. INTRODUCTION

Fatigue loading of aircraft structures may eventually lead to the development of cracks. Provisions
for fail safety and damage tolerance are intended to ensure safe operation in the event that cracks do
occur. Thus, these provisions require an analysis of the growth of cracks and of the consequences of
cracks for the strength of the structure. The fracture control plan includes the scheduling of inspections,
repairs, and retirement, based on predictions of crack growth and fracture, made possible by recent develop-
ments in the mechanics of cracks. The fracture control plan permits operational management decisions on
usage, repair, and replacement to provide the lowest failure risk at the lowest cost.

The basis for the damage tolerance analysis is the mathematics to compute and predict the behavior of
flaws and cracks which is called FRACTURE MECHANICS. The discipline of fracture mechanics was developed
during the last 20 years. It enables quantitative predictions that were hitherto impossible.

Catastrophic failures of T-2 tankers and Liberty-ships during World War II and many ship failures
thereafter instigated extensive research into the problem of brittle fracture. Some basic concepts of
present-day fracture mechanics stem from this work. Later, the failure of missiles and aircraft (in
particular the Comet accidents) gave a new boost to fracture research in the late 50's and early 60's.

New concepts of fatigue analysis and fracture were established and refined. The hazard of potential fail-
ures in the nuclear industry was a stimulus for the extension of these concepts to structural steels during
the last decade. New developments will be seen in the future, but present day technology is ready for
cautious application.

Although far from complete, fracture mechanics now offers quantitative solutions to many crack growth
and fracture problems that could not be handled a decade ago. Several areas requirs further refinements,
but many of the limitations of the technology are due to engineering judgments associated with any techni-
cal design procedure. The application to a new area of technology usually requires some development of
specific data and techniques, but most of the principles are available for use by knowledgeable engineers.

Advocates of fracture mechanice encounter much skepticism. The three main reasons for this are be-
lieved to be

® Shortcomings and limitations of the procedure

® The lack of long-time experience showing that the method has resulted in safer structures
and lower failure risk at reasonable cost

® The psychological threshold to apply new methods.

The shortcomings and limitations of fracture mechanics, which are dealt with in detail in this Lecture
Series, are in many instances quantifiable, so that safety factors can be taken appropriately. But even if
some parts are not ideal, the method can give information that cannot be obtained otherwise. In the hands
of a knowledgeable engineer the method is a useful tcol.

Probably the most important difficulty in the spplication of fracture mechanics is the variability of
the relevant material properties. However, this can hardly be considered a deficiency of the methodology.
1f crack growth properties can vary by a factor of two, a prediction of crack growth msy later appear to be
a factor of two in error. It is unjust to blame this on the predictive method, since it is due to erratic
material behavior. The theory of elasticity is considered very sophisticated; however, its accurate pre-
dictions of stresses and strains are by virtue of the fact that the elastic modudus of most materials is
practically i{nvariant. If the modulus would generally vary by a factor of two, even the theory of elas-
ticity would have serious limitations. Further developments and refinements in fracture mechanics will not
greatly alter the situation, because material variability will remain. The method can give useful answers
now or later. However, safety factors will have to be used.

The two other reasons for skepticism (the lack of experience and the psychological threshold) are
strongly related. Engineers have no reservations to use a simple bending formula to predict bending
strength, because experience with many structures during the last century has shown that adequate answers
are obtained. Despite the adequacy of static strength design procedures many structures have failed unex-
pectedly, but this was due to flaws and cracks and inadequate detail designs. It is this hazard that can
be substantially reduced by using fracture mechanics. Naturally, there will be reluctance to rely fully on
the answers, but if the method is not applied, the necessary experience will never be obtained. Cautious
application will gradually build experience and more adequate safety factors can be established.

Despite sophisticated stress analysis techniques and a wealth of past experience with static strength
design methods, no engineer has the confidence that the static strength of a complex structure can be calcu-
lated to a great accuracy. Where full scale static strength experiments are carried out, a difference of 10
percent between predicted and actual strength is not considered surprising. For this reason safety factors
are necessary, but not for this reason alone. Substantial safety factors are applied because of unknowns in
loading and envirommental conditions. Thus, conventional methods do not have a large advantage over the new
fracture mechanics procedures.

S e o

P




———

In conclusion, it can be stated that fracture mechanics is almost as good a tool as it will ever be.
Further developments and refinements are welcome, but what is available is ready for cautious application.
The method provides information that canno: be obtained otherwise; safety factors are necessary, but this
the method has in common with all other design procedures.

This Lecture Series will provide an overview of the state of the art of the application of fracture
mechanics to fail safety and damage tolerance analysis of airplane structures. In order to facilitate
understanding, the first few lectures will present a brief review of the most elementary principles of
fracture mechanics. Since many participants are already somewhat familiar with these principl the re-
view will only touch upon the most essential details. For a more extensive treatise a textboo:.(’l) is
recommended .

2. MECHANICS OF CRACKS

2.1. The Stress Intensity Factor

A crack in a solid can be stressed in three different modes, denoted Modes I, II, and III, as depicted
in Figure 1. Superposition of the three modes constitutes the general case of crack loading. Mode I is
technically the most important. Cracks in some aircraft structural parts are subjected to combinations of
Mcdes I and II, or Modes I and III. Because of its technical significance, Mode I will be assumed through-
out the discussions.

Taking a coordinate system as in Figure 2, the stresses at the crack tip can be cllculated“'S) by
conventional theory of elasticity as

T 0 N
O1y * A;(f; 5 £,44(8) +A,(f/ fa1y(0) + A,(f-)k f2,4(0) + .... » (1)

where a denotes the crack size. In the vicinity of the crack tip, the first term in Equation (1) dominates
because of the singularity. The non-singular terms then can be neglected, leading to

Ky
oy = A T E,(0) = = g () e

The parameter is called the STRESS-INTENSITY FACTOR. It is a measure of the strength of the crack-tip-

stress singularity. The subsgript I stands for Mode I. Similar expressions can be derived for Modes II
and III.

For the Mode I case, the crack tip stresses can be developad from Equation (2) as:

K.
oy = ,7—}"_ cos -ZQ [l - lln% sln%] J
2] 30
°y '/%cos-z!tl+sin% slnT] 5
o, = 0 (plane stress) or o, = v(cu + oy) (plane strain) 5 (3)
K
1 2} 6 3
"'xy = [far sim,; cos 3 cos 79 -
e Txz Tyz =9 o

The stresses for any Mode I case can be calculated by substituting the appropriate expression for
The solution to a crack tip problem is in finding an expression for K. For any Mode I problem Ky can
ALWAYS be written as:

Ky = Ba/Ta ’ %)
so that the solution really amounts to finding an expression for 8, which is a nondimensional function of
crack size and structural geometry. The stress o in Equation (4) is the remote stress. For a small central
crack of size 2a in a plate remotely loaded by a tensile stress o, the factor B = 1, so that:

K.I'c/ﬂ—! s (5)

However, if the crack is not small compared to the width W of the plate, the stress intensity is given(s)
as:

KI = g /Ta ./sec% ¢ (6)

Handbookau-g) provide expressions for B for many standard crack cases. In its usual form, the function is
a series expression.

2.2. The Parameter for Crack Growth and Fracture

The stress field given by Equation (3) depends upon the distance r and the angle © in the same way for
all cracks. Thus, the stress field is governed completely by the stress intensity factor, Kﬁ The equation
shows that two different cracks in the same material subjected to the same stress intensity have exactly
identical crack-tip stress flelds. If the stress flelds are equal, the two cracks will show the same
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behavior if their stress intensities are equal. They will grow at equal rate and they are equally liable
to cause a failure. Thus the stress intensity seems to be the governing parameter for crack growth and
fracture. However, the elastic stress field solutions show a stress singularity at the crack tip, which
implies that the stresses at the crack tip will always be infinite. Since structural materials deform
plastically above the yield stress, there will be a plastic zone at the crack tip. As a consequence, the
elastic solutions are not unconditionally applicable.

A rough guess of the magnitude of the pl.stic zone easily can be made. The elastic stress in the Y-
direction along 8 = 0, is given as [see Equation (3)]

K . . offa
ay - /e For center crack: oy ¥y s . (7)

This stress distribution is shown diagrammatically in Figure 3. It is assumed that nowhere can the stress
be higher than the yield stress, o The distance from the crack tip, r to which the elastic stresses

s* ’
are above yield is found by substituting Oy = Oys in Equation (16), P
o/ma a K2 K°
. = or r_= W ey W — 5 (8)
ys /2nrp P 2°ys Zﬂoy' aoy!

More accurate calculations of the size and shape of the plastic zone have been mlde(l), however if the
plastic zone is small with respect to the crack size Equation (8) is still valid with a constant o in the
denominator.

When the applied stress is half the yield stress and o = 2r, the plastic zone size, rp is 0.125a. As
long as the plastic zone is small compared to the crack size, the stress distribution will be affected only
slightly by the plastic zone. Particularly, the stress distribution outside the plastic zone is still
governed by K. Since the same K always gives rise to the same plastic zone size [Equation (7)], the
stresses and strains inside the plastic zone will be a direct function of the stress intensity factor.
Hence, K still can be used.

Since K determines the entire crack tip stress field and the plastic zone if small, it must be the
governing parameter, not only for fracture, but also for other crack growth processes. The rate of fatigue
crack propagation under cyclic load applications as well as the rate of stress corrosion cracking are a
function of K. The higher the stress intensity, the higher is the rate of crack growth. Thus, crack growth § 3
and fracture are determined by the same stress field parameter. Hence, all damage tolerance calculations b
can conveniently be based on the stress intensity factor.

2.3. Plane Stress and Plane Strain '

According to Equation (3), the state of stress at the crack tip is at least biaxial, which is plane
stress. In that case, the stress o, in thickness direction is zero. The stresses Oy and oy at the crack
tip are extremely high, much more so than in the rest of the plate. Thus the material at the crack tip
wants to undergo more Poisson's contraction than the rest of the plate: There is a tendency to the forma-
tion of a dimple in the plate surface at the crack tip, as shown in Figure 4. If the plate is thick, this
contraction will be constrained by the surrounding material that undergoes less coantraction. Clearly, the
constraint will be larger if the required displacements are larger (i.e., if the plate is thicker).

In the ultimate case, the contraction is fully constrained (i.e., the strain in the thickness direc-
tion is zero). This means that there will be a stress acting in the thickness direction, given by (see
also Equation (3)]

E, = oz/E - v(ox + cy)/E =0 or o

5 = v(ox + 0y) 5 9)

z
which represents a condition of plane strain. Since the thickness of the plate governs the constraint,
there is a tendency for a change from plane stress to plane strain when going to thicker plates.

It can easily be shown that the state of stress affects the plastic zone size, plane strain being
associated with a smaller plastic zone than plane stress. At the same time, the size of the plastic zone
largely affects the state of stress. The material in the plastic zone wants to contract in thickness
direction, more than in the elastic case, because of the condition of constant volume during plastic flow.
When the plastic zone is large compared with the plate thickness, yielding in the thickness direction can
take place freely. This promotes plane stress. If the plastic zone is small compared with the thickness,
yielding in the thickness direction will be constrained. As a result, a small plastic zone is under plane
strain. Plane stress can develop when the plastic zone is of the order of the plate thickness.

When two plates of equal thickness but with the same size of crack, are loaded to a different stress,
the one with the highest stress exhibits the larger plastic zone. The latter may be in plane stress and
the other in plane strain. Apparently, at low stresses, even a fairly thin plate may show plane strain
behavior. If two plates of unequal thickness but with the same size of crack are loaded to the same stress
they can both be in plane strain. In that case, they will have equal plastic zones (same K). With further |
increase of the stress, the plastic zone will grow in size. When it attains a size of the order of the |
thickness of the thinner plate, the latter will turn into plane stress. This implies that its plastic zone
will grow further to the plane stress size.

f it sina i o it i 5

The surface of a plate always will be in plane stress because a stress perpendicular to the free sur-
face cannot exist. As a result, the plastic zone at the surface always will be larger than in the interior
of the plate if the interior is in plane strain. This is depicted in Figure 5.




1f the plate is very thick, the plane strain region in the interior will be large with respect to the
plane-stress surface regions. Thus plane strain behavior dominates. As a general rule, this is the case
when the (plane strain) piastic zone is only about 2 percent of the plate thickness. The plastic zone size
can be expressed in terms of K. For plane strain, it is approximately K'/G“qy.’. Hence, the plane strain
condition is that B > 2.5K’/ay.’, where B 1s the plate thickness.

Increase of the stress increases the plastic zone size. Full plane stress can develop when the plastic
zone size is on the order of the plate thickness (i.e., B~ mK“/cy,‘, where o is on the order of 0.1 - 0.2.
Between these two thickness conditions, there will be a gradual transition from full plane strain to full
plane stress.

The above criteria for the state of stress are not applicable to cracks with a curved front ({.e.,
corner cracks and surface flaws). The curvature maintains a stress tangential to the crack front. As a
result, the greater part of the crack front is always in plane strain.

3. TOUGHNESS AND RESIDUAL STRENGTH

It was concluded in Section 2.2 that K governs the fracture behavior of a cracked body. Fracture will
occur when the stresses and strain reach a critical state, described by K. This implies that fracture
takez place Lif K exceeds a critical value. The critical K for fracture is denoted as Ky, for plane strain
ccaditions and Ky, or K, for plane stress conditions. Within the limitations discussed in subsequent sec-
tions, Kj. snd Ky . can be considered a material property called fracture toughness (with adjectives plane
strain or plane stress, respectively). They can be determined by experiment.

One can take a large, thick plate with a small crack of known size a, fracture the specimen in a
testing machine and measure the stress o at which it fails. Then Equation (5) can be used to calculate
the stress intensity at failure Kj.. As an example, suppose the size of the crack is 50 mm and the speci-
men fails at a stress of 12 kg/mm°. The strain intensity at failure follows from Kie = 12 x /25T = 106
kg/ms®’2. Other cracks in the same material will also cause fracture if K = K;. = 30 ksi/in. The unit of
Kic is somewhat unusual, but it follows directly from the multiplication of stress and square root of crack
size. In a strength analysis the fracture toughness would be analogous to the ultimate tensile strength,
0y» of the material (o, is the value of the stress o at failure, Kic 1s the value of the stress intensity
Ky at failure).

The fracture toughness found in the above example would be typical for a high-strength aluminum alloy
with an ultimate tensile strength of the order of 50 kg/mm?®. Apparently, an undamaged structure made out
of this material would fail at a stress of 50 kg/mm®. If the structure would contain a crack of 10 mm, the
failure stress would be much lower. Since the fracture toughness is 106 kg/mm®’/?, the stress at failure is

0-71%6,--27 kg/mm? 5

The presence of a 10 mm crack has reduced the strength of the structure by almost a factor of two. This
failure stress under the presence of cracks is called the RESIDUAL STRENGTH.

If the structure is normally loaded to a stress of 15 kg/mm®, it follows that it may contain a crack
of a size

2 (L06V° _
2--"(15 32 mm .

This is called the CRITICAL CRACK SIZE at the given stress.

A high strength steel with an ultimate tensile strength of 180 kg/mm® would have a fracture toughness
of the order of 150 kg/—"/’. Under the presence of a 32 mm long crack the residual strength would be

- 150 _ 2
o /%g 21 kg/mm )

which is only about 10 percent of the original strength,

Experiments to measure the plane strain fracture toughness of a material are usually carried out in
accordance with the ;pcclficatlon(lo'lz) for such tests issued by the American Society for Testing and
Materials (ASTM). Compliance with this standard will ensure that plane strain conditions are met, so that
valid ch data are obtained.

The plane strain fracture toughness of a material depends strongly upon yield strength, for most alloy
systems. Variations in toughness also occur as a result of anisotropy. Usually there are appreciable dif-
ferences in toughness for different crack directions. The toughness in the short transverge direction is
always the lowest. For an aluminum-zinc-magnesium alloy, toughness values are reported(13 of 36 ksi/in.,
19 ksi/in., and 15 ksi/in. for the longitudinal, transverse, and short transverse direction, respectively.
Data for many aerospace materials can be found in the Damage Tolerance Data Handbook "

As shown above, the residual strength can be calculated for any crack size, given the fracture tough-
ness of the material., The residual strength can be plotted as a function of crack size in a residual
strength diagram, as shown in Figure 6. This diagram further illustrates the rapid decay of residual
strength for materials with low toughness.

The above equations predict that the residual strength goes to infinity if the crack size approaches
zero. Obviously, the strength of the material at zero crack size is limited by the yield or tensile strength.
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The discrepancy is a result of the fact that the above equations are based on elasticity considerations.
Therefore, they should not be applied when the stresses are higher than the yield stress of the material.
This need not be a severe limitatrion since aircraft operational stresses are generally lower than the
yield stress and f?agi exist ways to handle the case of very small cracks in low-toughness materials in a
satisfactory way, "’ as will appear later in this Lecture Series.

4, SUBCRITICAL CRACK GROWTH

In the previous sections it was shown how to deal with fracture caused by cracks that have reached
the critical size. The following sections will consider the problem of how cracks reach the critical size
and after what period of time. The growth of very small material defects and machining or welding defects
into cracks and the further growth of these cracks until {mminent fracture is called SUBCRITICAL CRACK
GROWTH. The two prevalent mechanisms by which subcritical crack growth takes place are fatigue crack
propagation and stress corrosion cracking.

Since the stress intensity factor governs the stress field at the crack tip, it is the decisive
factor for the behavior of the crack. Thus, if two cracks in the same material are subjected to the same
stress intensity, they will show the same rate of fatigue crack growth. (This statement is not formulated
precisely enough as will be shown in Lecture 3.) Since most of the subcritical crack growth takes place
at stress intensity factors far below the critical stress intensity (fracture toughness), the plastic zone
sizes are generally very small.

Consider a crack in a structure or specimen that is subjected to a remote stress that cyclically
varies between zero and certain maximum (i.e., constant amplitude with a lower stress equal to zero), so
that the range of stress variation is Ac. Recalling the equation for the stress intensity factor K = 8/7a,
it follows that the stress intensity is zero when the stress is zero, and that during cyclic loading the
stress intensity varies over a range AK as

AK =8 A o /Ta 3 (10)

The rate of fatigue propagation is defined as the crack extension, la, during a small number of cycles,
AN, i.e., the rate of propagation is Aa/AN. In the limit this rate of growth can be written as a dif-
ferential da/dN, and the rate is given in inches/cycle.

The rate of fatigue crack propagation is governed by the stress intensity. The larger the cyclic
range, AK, the larger the growth rate da/dN. Apparently, the growth rate will be some function of AK:

da
N = £(6K) : (1)

Many attempts have been made to predict f(AK) on the basis of theoretical arguments. In practice
f(AK) is determined empirically, by simply measuring the rate of growth in a test. To this end a cracked
specimen is cyclically loaded in a fatigue machine and the length of the growing crack is measured periodi-
cally. This enables calculation of the growth rate da/dN by taking the crack growth increment for a certain
number of cycles and dividing. Since the crack size is known as well as the stress range Ag, the range AK
can be calculated. Then da/dN can be plotted versus AK in a growth rate diagram such as Figure 7. The plot
is usually made on double-logarithmic paper.

In itself this plot does not prove that da/dN is a unique function of AK. This proof can only be ob-
tained 1f specimens tested under different stress ranges and of different configurations all give the same
results, which would mean that two specimens with different cracks and cycled at different stress levels,
but with the same AK, exhibit the same rate of growth. This is what appears to be the case.

Stress corrosion cracking is governed also by the stress-intensity factor. The rate of growth of a
stress corrosion crack as a function of time, da/dt, in a certain corrosive environment is a function of
the stress intensity,

Qo

a
t

I

= £(K) . (12)

o

As in the case of fatigue crack propagation f(K) has to be established empirically (Figure 8).

As a consequence of the above equation, the time to failure depends upon the initial value of K. If a
number of similar cracked specimens are loaded to different stresses (different initial K), the times to
failure will vary as shown in Figure 9. If the stress intensity is below a certain threshold, usually de-
noted by Kigec, the crack growth rate is zero and failure does not occur. If the initial K is larger than
Kisccs the crack will grow thus increasing K. This in turn causes a higher growth rate, and so on, until
K reaches Ky,. At that point, the stress intensity becomes equal to the fracture toughness and failure
occurs.

In principle, the above relations permit a prediction of the time to failure for a structural crack.
In practice, a design will usually be aimed at prevention of stress corrosion cracking. It should then be
assured that the stress intensity remains below Kig...

5. ENERGY RELEASE RATE
A sometimes useful alternative to the stress-intensity concept is the energy criterion for fracture.

Basically, it states that a crack can propagate if sufficient energy is made available to supply the work
required for cracking. The condition for crack growth is

S -y) = M
(F -0)» g ’ (13)

da
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where U is the elastic energy contained in the plate, F is the work done by the external force, W is the
energy fo- crack formation, and a is the crack size. Usually, ii/da (F - U) is calied the energy release
rate, denoted by G. The term at the right hand side of the equation is called the crack resistance, R.
Then Equation (13) becomes

G=R . (14)

Both G and R are based on unit thickness.

Consider a cracked plate of thickness B under a load P. The load application points undergo a rela-
tive displacement, v. When the crack increases in size by da, the displacement will increase by dv (the
stiffness decreases with increasing crack size). Hence, the work done by the external force is Pdv. It
follows that

d 1 (v _ du
c-do-w-3(6E-0) - as)

As long as there is no crack growth, the displacement is proportional to load: v = CP, Here C is
the compliance of the plate. The elastic energy is given by

U = ¥Pv = kCP? . (16)
Then G can be further evaluated as
c i 38l | cee 80 0B B8 Ao
¢ a(" Fra e e C"é?> B e " (17)

The terms with dP/da cancel. Thus, G is independent of whether or not the load is constant. From a com-
parison of Equations (16) and (17), it follows that

1 (4v)
=5 (a,,’v : (18)

Hence, the energy release rate is equal to the reduction in strain energy in the case of crack propagation
at constant displacement.

It follows that the energy release rate can be determined from the compliance or from the elastic
energy. Thus calculated, it appears that for a center-cracked plate in plane strain:

c-% 1 -v?) 5 (19)

Hence, the fracture condition of Equation (14) becomes

oc = /Ma, = /ER A (20)

Note that this equation is equivalent to K = Ki., with Kie = /ER. Apparently, the stress-intensity concept
and the energy concept lead to the same result.

It follows from Equation (19) that G = (1-v?) K3/E, which can be shown in many waya(l) to be generally
true. For plane stress G = K?/E. This provides a means to determine the stress-intensity factor from the
compliance or the strain energy by Equations (17) and (18),

K=P E% = ﬁa Z%Ei : (21)

This provides a basis to derive K from a finite element analysis or from an experiment. For example, the
compliance of a plate can be measured by measuring v as a function of P *»r various crack sizes. This
permits determination of C = v/P. Differentiation to a and use of Equation (21) provides K.
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FRACTURE

David Broek
Battelle's Columbus Laboratories
505 King Avenue
Columbus, Ohio 43201

1. INTRODUCTION

In particular in the case of large civil airplanes, the larger part of the primary aircraft structure
consists of reinforced thin plate. Therefore, unlike in many other structures, plane stress fracture is
of vital importance for all major aircraft components. In view of this the behavior of thin plates and
the analysis of plane stress fracture will be extensively discussed during this Lecture Ser{es.

Plane stress behavior is more difficult to analyze than plane strain behavior and has received
relatively little attention in the literature. Fracture under plane stress conditions is more complex
than plane strain fracture, and no rigorous analysis procedures exist. However, for most practical pur-
poses useful engineering methods can provide approximative answers to plane stress fracture problems. The
following is a review of plane stress and transitional fracture.

2. THE THICKNESS EFFECT

Associated with the state of stress is a strong variation in fracture toughness. In the case of
plane stress, the toughness (critical value of K) can be 2 to 3 times as high as that under plane strain
conditions. A thick plate under plane strain will fracture when the stress intensity reaches the critical
value, Ky . When the plate thickness, B, exceeds 2.5 KIczlo sa. the critical value will be essentially
independent of plate thickness, because the plane strain part is large compared with the plane stress
region.

When a thin plate is loaded to Ky., the plastic zone is already of the order of the plate thickness.
Plane stress develops, the plastic zone becomes large, and deformation becomes easier. Therefore Ko is
not enough for fracture and the plate can be loaded to much further before K reaches the critical value.
This plane stress fracture toughness is usually denoted as ch or K.. Plates of intermediate thickness
become critical at K values somewhere between KIc and Kc.

The fracture toughness as a function of plate thickness is shown diagrammatically in Figure 1. Usually
there is a small decay in toughness for thin sheets, below the full plane stress thickness. The transition
from plane stress fracture to plane strain fracture is associated with a change in fracture plane. This
is also shown in Figure 1. In the case of plane stress, the crack plane is at an angle of 45 degrees to the
plate surface and to the loading direction. In plane strain, the crack surface is perpendicular to the plate
surface and the loading direction, The plane stress fracture is sometimes described as slant fracture or
shear fracture, the plane strain fracture as square or tensile mode fracture.

At the surface of the plate there will always be plane stress, because the stress oz, cannot exist at
the free surface (there is no reaction). Therefore, along the edges of a plane strain fracture, there are
always small regions of the slant, plane stress, and fracture. These regions are called shear lips. In
thinner plates, the square fracture becomes smaller, the shear 1lips covering more and more of the fracture
surface until they meet to form the slant plane stress fracture.

Actual data, distinctly showing the behavior depicted in Figure 1, are scarce. The scatter in the
transitional region is usually so large that a reliable curve hardly can be drawn. Some data(2) are com-
piled in Figure 2. Plates of different thickness are usually from different heats of material. As a re-
sult, their yield stress will be different. The strong dependence of toughness on yield strength then is
responsible for the scatter in the data(1l,2), 1If the plates would be machined from the same stock, scatter
likely would be less.

Various models have been gr posed(l-s) to account for the thickness effect. Except for the engineering
approach suggested by Anderson{2), most of these models predict a much stronger dependence of toughness on

thickness than actually observed. Anderson proposed a linear decay of toughness between the maximum (plane

stress) value and K o» a8 shown in Figure 2. For the time being, this seems to be a reasonable way to esti-
mate the toughness }or a given thickness as an orientational value. For reliable residual strength predic-

tions, it is a prerequisite to measure the toughness on plates of the heats and thickness that will actually
be used in the design.

3. PLANE STRESS AND TRANSITIONAL BEHAVIOR

Consider a thin plate under plane stress with a central crack 2;1, loaded in tension (Figure 3). Upon
reaching a stress oy, the crack will begin to extend. However, fracture will not yet occur. In order to
maintain crack growth, the stress has to be further increased. This crack growth is stable: the crack will
stop growing if the load is kept constant, it will continue to grow upon load increase.

Slow crack growth continues until a critical crack size 2a_ is reached at a stress oc. Then the crack
becomes unstable and fracture occurs. If the initial crack is ionger, crack growth starts at a lower stress,
the amount of slow crack growth is larger, but o, is lower. This {s shown in Figure 3.

Slow stable crack growth is a phenomenon that is observed particularly in plane stress and transitional
stress states. In the ideal case of plane strain, unstable fracture follows immediately upon crack growth
initiation. Sometimes, however, some slow growth is observed. Its occurrence depends upon the testing
system stiffness. In a hard testing system, a sharp drop in load may occur when the crack starts propa-
gating. As a result, the stress may fall below the critical value (i.e., K < Kic), which causes crack arrest.
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In plane stress, the slow stable crack growth is also dependent upon testing system stiffness and specimen
geometry. However, it will still occur in a soft testing system where no drop of load takes place when
the crack propagates. Slow crack growth may be of the order of 20 to 50 percent of the initial crack
size(1,6) depending upon alloy type and testing conditions.

According to the energy concept, there is a continuous energy balance, i.e.,

d du
da (F - U) qa OF G =R . (1)

Lf there were no energy balance, the crack would not propagate (G < R) or it would become unstable
(G > R).

The instantaneous value of G during slow crack growth in plane stress is

G =1L K

E E . (2)

Since both o and a increase during slow growth, the energy release rate increases. Because G = R, it
appears that the resistance to crack growth, R, increases. From a simultaneous measurement of ¢ and a
during slow growth, G can be calculated; hence, the increase of crack growth resistance can be measured
indirectly. The resulting curve, called the R-curve, is depicted in Figure 4.

Also shown in Figure &4 are straight lines representing G = K?/E for a central crack under constant
stress. The quantity K2/E = "o a/E is a straight line as a function of crack size if the stress o is
constant. So one can draw a straight line K®/E = "g,%a/E. On this line, there is a point a = ay where
Ky2/E = "aiaatlE. This is the point of crack initiation (point A in Figure 4). At that point, the re-
leased energy is equal to the instantaneous crack growth resistance, Rj.

During slow crack growth K?/E remains equal to R. Thus successive points on the curve can be found
by drawing straight lines. For example, at a stress oj, the instantaneous crack size is aj, and "olaallﬂ =
R
1-

Finally, if the stress is equal to o, the line "cbaa/E is tangent to the R-curve. If the crack
propagates at constant stress, the value of K°/E will remain larger than R. Hence, no further stress in-
crease is necessary to maintain crack growth, which means that the fracture condition is reached.
Apparently, the condition for instability is given (point of tangency) by

3G _ 9R
%0 &)

The R-curve is supposed to be a characteristic of the material at the given thickness (state of stress).
It is reasonably independent of specimen geometry(7), It is also assumed independent of the initial crack
size . The energy release rate, G, depends upon specimen geometry and loading condition. However, given
the shape of the G line for a certain geometry, the instability condition would still follow from Equation
(3) with the same R-curve. The R-curve can be determined experimentally be measuring stress and crack size
during slow growth. This allows calculation of K and of K3/E (which is equal to R).

4. ENGINEERING ANALYSIS OF PLANE STRESS

The R-curve approach is sometimes used for residual strength predictions. However, the procedure may
be rather cumbersome. Also, as yet there is no proper understanding of its significance. Several engi-
neering methods have 83en proposed 1,2,9) to treat the plane stress and transitional problem. Only
Feddersen's approach( has the versatility required for structural design. Therefore, only this method
will be discussed.

It can be assumed that all events described in the foregoing paragraphs are governed by the stress
intensity factor. Each event can be labeled by a stress-intensity expression, i.e.,

Ky = 801/“;1
Ko = Bo/Mag (4)
Kq = Boc/May .

Kj is the critical stress intensity for the onset of crack growth, K. is the critical stress intensity
for fracture. K‘ is an apparent stress intensity. It is not a physical quantity, because it relates the
initial crack size to the fracture stress and the two are not coincident. However, K, does have engineer-
ing significance. It gives the residual strength of a plate that contains a (fatlgue, crack of a given
size. Whether or not this crack shows stable growth before fracture is immaterial from an engineering
point of view.

Tests have shown that Ky K., and K are not material constants with general validity like Kio. But
to a first approximation, they are constant for a given thickness and for a limited range of crack sizes.
For a given material with an apparent toughness, the relation between the residual strength and crack

Koo
size of a center cracked panel is given by O = ,/"". This residual strength is plotted as a function
of total crack size as in Figure 5.

For small crack sizes, o, tends to infinity, but the residual strength at a = 0 cannot be larger than
the material's yield stress. Therefore, Feddersen(9 proposed to construct two tangents to the curve, one
from the stress axis starting at Oygs the other from the crack axis starting at Wy (where W; is the
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panel width). In the region between the points eof tangency K, 1s approximately constant. This piece of
the curve plus the two tangents constitute the residual strength diagram.

Now consider a panel of smaller size W, The tangent from Wyi, is coincident with the tangent from

Oyg. Hence, with a panel of size Wpin or ama?ler. one cannot determine a point on the K, curve. There-
fore, the panel would be too small to measure K,. A tangent to any point at the curve is given by

do d K s
d(2a) " d(2a) (7ﬁ) = : (5)

For the tangent through (°ya' 0), this yields (Figure 5)

% Oys ~ Oy 2
R ; e
Equation (5) shows that the left hand tangency point is always at 2/3 Oygs independent of K. The tangent
through (0, W) is defined by (Figure 5)

0, o
- “a w—i__ 2a, or 2a, = W/3 v (7)

This means that the right hand point of tangency is always at W/3.

Consequently, the complete residual strength diagram can be constructed for any panel size if K, is
known. Two points can be taken at the curve, one at ¢ = 2/30y,, the other at W/3 and the tangents can be
drawn to (cys, 0) and (0, W/3), respectively. The two points of tangency coincide when O, = 2/3°ys for
2a = W/3, i.e.,

2oye/™16 = Ky or =3I K‘) . (8)

Hence, panels smaller than this will fail by net section yield. Their failure point will be below the
K_-curve, which means that they cannot be used to measure K;. Obviously, the screening criteria for a
valid test would be that the failure stress o, < 2/3oys and the crack size 2a < W/3. If a test panel
fails at oc 2 2/30yg while the crack size, 2a = W/3, the panel i{s too small to determine K;. Similar
arguments can be used for K; and K¢.

Figure 6 shows that Feddersen's approach gives a fair representation of the data. The versatility
of the method is in the fact that it allows a simple characterization of plane stress and transitional
residual strength. Presentation of K, and/or K, is sufficient to determine the residual strength for any
crack size and panel size. Also, the method is based on stress intensity which makes it more universal
and compatible with fatigue crack analysis.

The crack tip plasticity gives rise to slightly larger displacement than in the elastic case. This
is sometimes accounted for by using an apparent crack size, a* = a + r_. The stress intensity then becomes

P
K; = Ba/Ma* = 8a/T(a + rp) = Bo/Ma + oK, 2 /oyg? ; 9)

Since this correction would be used in the determination of the critical stress-intensity factor as well
as in the reverse operation to calculate the fracture stress or critical crack size, it would practically
cancel out. There’ore, it is recommended that this artificial correction not be used.

Plane stress fracture toughness tests should preferably be performed on center-cracked panels.
Fatigue precracking is advisable, but not necessary if the notch is sharp enough to start slow crack
growth long before fracture. The maximum load in the test should be taken as the fracture load. Slow
crack growth should be measured, preferably by means of a movie camera (16 frames per second is usually
sufficient). Taking a load COD as record is advisable. A load time record synchronized with the crack
growth record is indispensible.

Due to the compressive stresses acting along the crack edge, the plate may locally buckle. Then, a
reduced toughness is found.(l) 1If such buckling would be constrained in service (1.e., due to reinforce-
ments) antibuckling guides may be applied in the test. If buckling can occur freely in service, anti-
buckling guides should not be used. The above procedure is applicable to plane stress but also to inter-
mediate thickness with transitional behavior.

5. FRACTURE AT NET SECTION YIELD

Consider a material with a plane stress fracture toughness K,. The residual strength as a function
of crack size can be calculated and plotted and the residual strength diagram for a panel of size W is
found by drawing the two tangents. Similarly one finds the residual strength for other panel sizes.
However, panel size W; (Figure 7) does not behave according to K,. It always fails at net section yield
(or slightly above yield in case of extremely tough materials not uced in airframes). The net section
stress is the nominal engineering stress in the cracked section:

Lo
c

- —Lload
net ~ (W, - 2a)B * iy
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If onec = oys» the net section can yield freely and will tear apart. The critical stress is always defined
as

Apwa . (W - 2a
c W, B net ( W, ) : (11)

Hence, for oper = 0yg, the failure stress o will be given by a straight line from o, g to W,, as shown in
Figure 7. This is Consistent with the Feddersen approach discussed in the previous lectlon: when the two 3
tangents to the curve coincide, the fracture condition becomes automatically a net section yield criterion.

It is worthwhile noting that the fracture stress of small panels obeying the net section yield crite-
rion is considerably below the fracture stress that would be predicted on the basis of K. Conversely, if
Ky were derived from tests on these small panels, its value would be lower than the real K,, however this
practice is ruled out by the size requirements presented in the previous section.

Consider two materials with low and high toughness as in Figure 8. Low toughness materials usually
have a higher yield strength, which {s assumed in the figure. For a crack of size 2a,, the low toughness
material will have the lowest residual strength. However, for small cracks (2a,) in small panels W,, the
high toughness material may have the lower strength. Alchough this is of little consequence for large
structures, it may be of some consequence in plane stress cases of strips and reinforcements.

6. HIGH TOUGHNESS MATERIALS

Airframe materials in general belong to the low and medium toughness categories. Therefore, the i3
! previous methodology is usually applicable. In the case of materials with very high toughness (most low i
\ and medium strength structural steels for general engineering, 5000 series aluminum alloy, copper alloys) i
! the methods break down. 1

As an example, consider a medium strength steel sheet with a yield stress of 80 kg/mm® and a plane
ﬁ stress fracture toughness of Ky = 2000 kg/mm?. Then the minimum panel size to determine Ky would be

\3
- 2 (397« 2700 m

w
Any size of panel smaller than this would behave according to the net section stress criterion. Thus, a
fracture mechanics calculation on the basis of K would never be applicable.

As was shown in the foregoing small panels of low toughness materials fail at a net stress equal to
yield. The high toughness materials usually have much reserve strength beyond net section yield, because
they always have a low oys as compared to oy. This is illustrated in Figure 9, showing the residual
strength data for 12-inch wide panels of 304 stainless steel. The net section failure stress is somewhere
between Oys and oy. It is important though that fracture is still determined by a net section stress
criterion. The net section failure stress can be determined from an experiment on a cracked plate, after
which predictions for other crack sizes and panel sizes can be made (Figure 9). The procedure is limited
however to the center crack case.

Attempts are under way to extend fracture mechanics to the regime of high toughness materials. Two
approaches are being pursued intensively, namely COD and J-integral. The COD approach assumes that frac-
ture will occur when the crack tip opening displacement CTOD exceeds a critical value. It can be shown
rigorously that this assumption is equivalent to the K;. approach if the plastic zone is small. Therefore,
it may be applicable also to cases with large scale plasticity. A difficulty is that CTOD cannot be mea-
sured in an experiment. Therefore, one measures COD.

Small specimens (essentially cracked Charpy specimens) are loaded tc fracture while the crack mouth
opening (COD) is measured. CTOD is then determined from a linear extrapolation to the crack tip. The CTOD
{ at fracture is the critical value. It is difficult to apply the result in a residual strength calculation,
because it requires that one can compute CTOD and equate it to the critical value. Moreover, CTOD values
are often ambiguous, because there is usually slow crack growth before fracture.

The J-integral is a path independent contour integral around the crack tip. In the lastic case, it
can be shown that J = K?/E. It can also be shown that J = g, g CTCD. Hence, J is equivalent to K and CTOD
in the linear elastic case. The J-integral can be readily calculated in elastic-plastic finite element
{ analysis. Therefore, J would be a more suitable criterion than CTOD for quantitive predictions of frac-
1 ture in structures. It should be noted however, that so far the J-criterion is strictly limited to plane
strain., Aircraft parts in which plane strain prevails are invariably built of low to medium toughness
alloys, so that Kic is applicable. The J-integral cannot be applied to growing cracks. Therefore its
application to plane stress fracture — where it would be needed most for aerospace applications — is highly !
questionable.

1 6. PRACTICAL CASES
6.1, Scope |
In practice cracks will often start at a hole or grow as a surface crack, Analysis of these two cases

is considered briefly in the following subsections. An in-depth treatment of the behavior of crack at holes
and of surface flaws is presented in Reference 1.
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6.2. Cracks at Holes

On the basis of the work by Bowie, the stress-intensity factor for a through crack at a hole in an
infinite plate (Figure 10) is given(1l) by

K= o/ fn(%) (12)

where a is the size of the crack as measured from the edge of the hole and D is the hole diameter. The
function fg(a/D) can be given in tabular or graphical form as fp] for a single crack and fgy for the sym-
metric case with two cracks.

If the crack is not too small with respect to the hole size, the hole may be considered part of the
crack. The total defect size is then given by the physical crack length plus the hole diameter. The
stress intensity is simply

K= dﬂaeff . (13)
By developing Equation (13) as
D 1
l(-q/WE,za+-5-o/7'EfE1 (a/D) (14)
for the asymmetric case, and
= D =
K=affa_c =ao/fa fu+1= o/ £, (a/D) (15)

for the symmetric case, it follows that fg) and fgy in the Bowie equation are replaced by fg; and fg;. A
comparison of these functions is made in Figure 10. It appears that the differences between the exact
functions and the engineering functions are small. If a/D > 0.1, Equation (13) can be used in many appli-
catiors. This gives a feeling for the significance of a crack at a hole. It behaves as if the total dam-
age size i{s equal to the hole plus the crack.

Results of residual strength teuts(m) are shown in Figure 11. The material (7075-T6) had a toughness
Ky = 204 kg/mm®/? (= 58 ksi/in.). The results show that the residual strength for the cracks at the holes
fall almost exactly on the curve for normal center cracks. This indicates that the crack, indeed, behaves
as 1f the total damage was equal to the size of the hole plus the crack.

6.3. Surface Flaws

A surface flaw is generally treated in the same way as an embedded elliptical crack. For the latter,
the solution developed by Irwin(11) {5 almost always used. It gives the stress intensity as

2
k=% ﬁ.(%; cos® © + sin® e)!k . (16)
ﬂ/z
% a?
with t=f(1-ksta®g) dowtehk® =1 -2 | (17)
o

In these equations, a is the semiminor axis of the ellipse, c is the semimajor axis, and 6 is the angular
coordinate. The elliptical integral, ¢, is evaluated for the relevant values of a/c. It is given in
graphical form in Figure 12(a). Series expansion of the elliptical integral shows that

EL
el (18)

is a very good approximation (Figure 12(a)) of its value for ratios of a/2c between 0.3 and 0.5, which
technically is the most important range.

The stress intensity varies along the crack froat. It is maximum at the end of the major axis where

0= ﬂ/z,
K=§.fa G (19)

Its minimum value is at the end of the major axis (8 = 0) where

ke T 20

Due to the free surface, a correction to K is necessary. This front-free-surface correction is usually
taken at 1.12. If the crack protrudes deeply inward, the proximity of the back-free surface alsg requires a
correction to K. This back-free-surface correction, Hk, was determined by Shah and Kobayashi(lz for flaws
under pure tension. It depends upon the ratio between crack depth and thickness and upon flaw shape as
shown in Figure 12(b). Consequently, the maximum stress intensity is

K=1.12M 2ffa . (21)
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According to the foregoing, fracture will occur if Ky = K;.. Thus, one would assume that fracture is
determined by the highest stress intensity, i.e.,

e »

R

, % "T.i2 4 M ° (22)
\ The highest stress intensity occurs only at one point, namely at the end of the semimajor axis of the

* surface flaw. When this point is ready for fracture, the stress intensity everywhere else along the flaw

) is still lower than Kj.. Generally speaking, it must be conservative to assume that fracture of the sur-

face flaw is determined by its highest stress intensity, as is shown by Figure 13.
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FATIGUE CRACK GROWTH
BY

Dr.-Ing. Walter Schiitz

Industrieanlagen-Betriebsgesellschaft mbH
Einsteinstrage 20, 8012 Ottobrunn, Germany

1. INTRODUCTION

It is now an established fact that structures may go into service containing crack-
like manufacturing defects. However, only in very rare cases these cracks are so large
that immediate static failure occurs when the first high service loads occur; rather, it is
the service loads themselves which produce crack growth starting either from the small manu-
facturing cracks or from notches which are unavoidable in a structure. In the first case,
the whole life of the structure consists of crack growth; it ends when the remaining cross
section can no longer sustain the service loads and fails statically. In the second case,
at the notch root a crack must first be initiated which then grows to failure and the life
consists of the crack initiation and the crack propagation phase. In both cases, crack
propagation and its calculation is therefore an important task - at least as important as
the calculation of residual static strength and much more difficult. This is so because
fatigue crack propagation is a cyclic phenomenon and is therefore much more complex and
difficult than a static phenomenon. One reason is the very large number of parameters;
therefore experimental verification of calculation methods, hypotheses etc. is very time-
consuming and expensive.

2. PARAMETERS CONTROLLING FATIGUE CRACK GROWTH

Reading across from fatigue test experience one can list the parameters of influence
on fatigue crack growth:

- The amplitude of nominal stress + G, or (better) of local stress or strain at the
crack tip. For fracture mechanics purposes the double amplitude (or range) of the stress
intensity factor AK is normally used. This is the most significant parameter.

- The mean stress (5m. Depending on the material in question, this may be an almost
negligible or a significant parameter. Usually it is found that the crack propagation
behavior of high-strength materials like 7075-T6 or a maraging steel is ver¥ sensitive
to mean stress, higher tensile mean stress giving faster crack propagation =1y,
see Figure 1.

For medium or low strength materials like 2024-T3 or shipbuilding steels, mean stress
has less influence on crack propagation rate.

There is an additional mean stress effect: When the minimum stress in a cycle goes into
compression, i.e. when R< 0, the crack closes (neglecting for the moment crack closure
effects) and the stress intensity is zero; this would mean that the compressive part of
a cycle has no effect on crack propagation and should be correspondingly neglected in
calculation. That this is too simplistic a view has been shown by many experiments (12,13,
39); pue to crack closure effects the compressive part of a cycle does have an effect on
crack propagation. To make matters more difficult, different materials react differ-
ently, as can be seen from Figure 2:

For high strength materials the compressive part can be neglegted; for example with
7075-T6 the grack propagation is very similar for stresses of O ¥ 140 N/mm2 or

70 + 70 N/mm“; for medium strength materials like 2024-T3 or 1.7734.5 there is a detri-
mental influence of the compressive portion of the cycle.

- As the stress intensity range is decreased a characteristic lower limit is reached,
below which the crack does not grow even at very high numbers of cycles This is the
fatigue crack propagation threshold or "fracture mechanics fatigue limit" (14), a most
important parameter for components loaded by high frequency constant stress amplitudes,
for example turbine blades or certain machinery parts. If crack-like machining defects
must be assumed to be present, the service stresses must be below this threshold, other-
wise failure is unavoidable. The threshold may be less important for typical structures
of military aircraft loaded by relatively few cycles of a severe spectrum. In the
literature, a growing amount of numerical data on the threshold AK?Q is becoming avail-
able (3, 15-%) the most comprehensive compilation probably being in (3). As was to be
expected from fatigue testing experience, 4Ky, also depends on the stress ratio R (24)
and this dependence is again different for different materials (28),

Both these effects mean that AKth can be determined only by timeconsuming and expensive
tests because one must apply a large number of cycles before K, can be assumed to
have been reached.In this respect there are some disturbing new gata from Speidel and
Scarlin (20), Their AK,, -values are about half as large (!) as those in (3). speidel
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ascribes these low numbers to exacting test procedures and patience. because this
tests were run down to a crack propagation rate of 10-8 mm/cycle.

Under variable load amplitudes tskth obviously will also be influenced by preceding
larger loads, as was found in (30),

3. REQUIREMENTS TO BE MET BY A FORMULA FOR CALCULATING FATIGUE CRACK GROWTH

In principle all present and future formulae for calculating fatigue crack
growth behavior of materials must be hypotheses by which one tries to describe some or
all of the phenomena observed in corresponding experiments. These formulae must there-
fore contain materials "constants", which, being determined by test, have an inherent
scatter like all other similar "constants". However, it is not enough to just carry out
some tests and fit their results by a formula with the help of one or more constants.
This would be just a data fitting technique, easy in the case of fatigue crack growth
because of the "regular" shape of the crack propagation curve.

There are some additional requirements to be fulfilled before such a formula
can be considered to be a useful model:

- The materials "constants" determined by a few tests at one particular set
of ¢_and o _ must be suitable, for other sets of ¢_ and & _. In other
words™ The defermination of the necessary constants mst not fequire the
tests which the calculation method is supposed to replace.

- All parameters influencing crack growth (as discussed in chapter 2) must be
contained in the model. This requirement may sound trivial, but most of the
models published so far do not meet it completely.

= The increase of the crack propagation rate when Kp,x approaches Ko or Ki.
must be incorporated, as well as the decrease when 4X¢p is near.

- The model should be generally applicable, that is it should give the correct
prediction, within the limits of scatter, for any stress amplitude ¢, and
mean stress 6 , material, component, type of loading, environment etc.

- If possible it should be applicable down to very small crack lengths.

It should be noted that the above requirements are valid for constant stress amplitude
loading. The (much more difficult) case of realistic load sequences will not be covered
here.

4. AVAILABLE SOLUTIONS

In this chapter some published formulae for the calculation and prediction of
crack propagation under constant stress amplitudes will be discussed. It was not the aim
of the author to enumerate the countless models found in the literature; the reader is
referred to the references (31 - 34); in (31) no less than thirtythree different formu-
lae are tabulated! Rather, the few models actually used in design and verified by test
will be judged against their only criterium - how well did they predict experimental
results.

There was one serious attempt on a crack propagation model before the advent of
fracture mechanics, that of Mc Evily and Illg (35) based on Neubers' notch strength
theory.

Beginning with 1960 many crack propagation models appeared in the literature,
mostly based on fracture mechanics principles. The first and still best known was pub-
lished by Paris (36) and coworkers (37). Paris postulated that the cyclic change in the
stress field surrounding the crack tip, the range of the stress intensity K, deter-
mined crack propagation according to the formula

g%-c.Ax“

For Aluminium alloys n = 4 was proposed. This formula is still being used in design,
for example in the pressure vessel industry, where all the load changes occur at R = O,
in spite of its obvious shortcomings; it accounts neither for mean stress effects, nor
for Kgp nor for K,.. If the effect of mean stress is taken into consideration by diffe-
rent constants C, Ss is sometimes suggested, we have a classic example of data fitting,
because exactly those tests are required f°§ determining C which the formula is supposed
to replace. In 1967 Forman and coworkers (38) published an improved Paris equation

da _ c N
an T-R)* K. - K. = AK

in which at least mean stre?q §£fi°ti ?nd Kc were incorporated. This formula has been
132,40-42) ¢, give a reasonable approximation to crack pro-

proved by many laboratories
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pagation test results for many different materials. Some examples are presented in Figs.3
and 4, taken from (2), in which it is shown that it is possible to determine the constants
C and n by tests at one particular set of stress amplitude & , and mean stress < and to
calculate crack propagation at other &, and ¢, values, using these constants. It was also
shown by other IABG tests that this was also true at low temperatures (43), see Fig. 5 and
under seawater corrosion (44), This is valid for R3 0. If the minimum stress of the cycle
goes into compression, i.e. if R < 0O, new tests at R < O are necessary to determine new
constants C and n.

Within the German Aircraft Industry the Forman equation is W1d$§¥ used; it has
been incorporated as well in the German aircraft structural handbook ( . A commonly
agreed computer program developed by MBB is used to calculate the constants C and n from
the test data at hand. Ko is determined from the residual static strength of the fatigue
crack propagation specimens themselves, using the Feddersen concept (46) and assuming no
stable crack growth during the residual static strength test. In other words: The crack
length present at the end of the fatigue crack propagation test is input into the K¢ calcu-
lation.

Crack propagation for different sheet widths, stress amplitudes & ; and mean stres-
ses G p are then to be calculated using these C-, n- and Kc values. This is obviously not
quite correct because Ko depends among other things on sheet width. However, the Forman
equation is not too sensitive to small variations in K¢, so the procedure described
can be considered as an adequate engineering approximation.

The above equation does not contain &Ky and ther?i?fe implies fatigue crack pro-
pagation even at infinitely small AK. Klesnil and Lukas modified the original Paris
equation in the following way

gﬁ = c- (AKR"- aKR,™,

(40

while Hartmann and Schijve suggested a slightly different version:

da

s _ n
N = C ( AK AKth)

In (28) the IABG incorporated both proposals into the Forman equation and found the Klesnil
and Lukas solution

da C+ (8K - ARen")

aNn T T -1n K, - &K

to be a better fit to the experimental data available. Two examples are shown in Figs. 6
and 7. However, the numerical values for AKgy must be determined by test.

Other formulae for calculation crack propagation have appeared in large numbers. To the
author's knowledge none has, however, been so thouroughly investigated and judged against
its only criterion - how well did it predict ?r?ck propagation under different ¢, and & -
as the Forman equation. The models of Walker (1°) and the NEL (48) found a certain utili-
sation.

To conclude, it is suggested that the Forman equation, preferably in the modified
form presented above, is a good enough approximation for engineering purposes. Any real im-
provement would certainly require

- a disproportionale effort and
- yet more "constants"

and thus might not be cost effective. In the opinion of the author, any future effort
should be directed towards other problem ereas, such as

- a method to correctly calculate Ke for different sheet widths and

- the determination of the variability of constants C, n, A Kth and KC with-
in one heat and between different heats of a material.

5. RETARDATION EFFECTS

The above diskussion dealt exclusively with crack propagation under constant stress ampli-
tudes - a condition not often met in service. Rather, an irregular mixture of deterministi-
cally and stochastically varying stress amplitudes occurs in most engineering structures
and the real design problem is to predict crack propagation in such conditions.

In this section, only some basic phenomena are covered, while the available semi-
empirical models for the calculation of crack propagation under realistic load sequences
will be treated in another lecture of this series.

Already in the very simple case of a single overload in a constant amplitude sequen=-
ce some very complex events take place in the most highly stressed volume around the crack
tip:
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- The crack grows a certain amount L a, increasing the stress intensity
factor.

- A plastic zone develops in front of the crack tip, the size of which
depends on the maximum stress of the overload, the crack length 1, the
yield stress at this moment in time, which is most probably not the origi-
nal yield strength of the material and so on.

- In addition residual compressive stresses are set up, changing the effec-
tive mean stress.

- The crack tip is also blunted, resulting in a lower notch effect.

- The crack also closes before the load has reached zero and it takes a
portion of the following tensile load cycle to open it again, decreasing !
the effective stress amplitude or stress intensity.

Finally the plastic deformation of the material at the crack tip results !
in a cyclic strain hardening or softening, changing the relevant material
properties.

Thus all the parameters affecting crack propagation, namely stress intensity (or stress i’
amplitude), mean stress,crack tip acuity and the relevant material properties have been i
altered by just this one high load and the crack propagation rate will certainly have !
changed.

In most cases, the crack will have been slowed or retarded. The retardation effects
in such simple load sequences have been treated extensively in the literature (49 - 59), |

If one simply considers that in real load sequences, some of the effects of one
high load will still be present to an unknown degree when the next high load of equal or
different size occurs, one can imagine the difficulties in developing a model for predic-
ting crack propagation under realistic load sequences: All of these events should be quanti-
tatively accounted far in their synergistic effects on crack propagation. So even the most
sophisticated of the presently available models are based on highly simplified assumptions
(60 - 64).
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STRESS INTENSITY ANALYSIS:
ANALYTICAL, FINITE ELEMENT FOR SURFACE FLAWS, HOLES

D.P. Wilhem
Northrop Corporation
Aircraft Group
3901 West Broadway
Hawthorne, California 90250

SUMMARY

Several methods are available to obtain stress intensity factors for developing cracks in structure
where uniform loading and symmetric cracks prevail . Unfortunately in all aircraft structure both loading
(stress) and crack geometries are far from ideal. These factors combined with localized plasticity require
the use of more sophisticated means of obtaining stress intensity factors. Finite element analysis, both
with and without special cracked elements, can be used to obtain stress intensity values. Careful atten-
tion must be paid in modeling to account for various factors, i.e., fasteners, etc., which affect the
stress field. In many cases where elastic-plastic behavior is evident those finite element programs with
nonlinear capability can be effectively used to compute J-integral values for use in both fatigue and frac-
ture studies. A case study will be shown which involves a cutout in the wing in a highly stressed region
the root. Other cases will deal with part-through-cracks at holes and countersinks and other design de-
tails. Recently, the use of three dimensional finite element models to obtain stress intensities for cracks
at holes provided an opportunity to evaluate the merits of each method of analysis; analytical, finite
element and semi-empirical. Comparisons are presented for several cases.

1. INTRODUCTION

In most structural cracking, the most common site for cracks are at holes which are used for fastening
the structure together. If nominal loading is applied, it is well known that a stress concentration for
an unfilled hole is on the order of three. Thus, if nominal maximum anticipated stress is 2/3 of the ul-
timate strength, local stresses near the hole can be extremely large and with time cause local cracking.
Tear-down inspections indicate numerous cracks radiating from the holes. In particular, countersunk holes
show predominant cracking at the intersection of the bore and countersink. Recent research has concentra-
ed on obtaining stress intensity factors for crack(s) at holes. An accurate representation of the stress
intensity for part-through-cracks at holes is now available and can be used with confidence in predicting
the fatigue crack growth from holes. Another situation occurring in structure is the change in usage re-
sulting in a new spectrum of loads, usually more severe than originally intended. An example of this is
shown for a PTC at a radius which required a finite element analysis of the structure that had tobe verified
by a coupon test in the nonlinear fracture mechanics range. Much can be determined about the local elas-
tic-plastic region, e.g., plastic zone sizes, stress gradient, etc., using a J-integral approach. Com-
parisons can be made with strain gradients obtained from fatigue and static tests of the full scale struc-
ture. Examples are given for several cases as applied to a high performance aircraft structure.

2. STRESS INTENSITY ANALYSIS

2.1 General Discussion

In calculating stress intensity factors, the limitations of linear elastic fracture mechanics apply.
In general, the solutions that are available are for 'ideal" crack geometries and loading conditions. Cor-
rections can be applied to K to treat limited plasticity (i.e., small scale yielding) and are a function
of K and hence have limited utility in real life situations, i.e., short cracks in loaded holes. The prob-
lem exists when a structure intended for a given external loading environment is placed in one that is
more severe than the design load conditions. Cracks develop in areas which were known to be fatigue sen-
sitive,and due to the change in load environment, now become fatigue critical. Estimates must still be
made of spectrum fatigue crack growth and critical fracture stresses for these situations. In addition,
rework designs must be evaluated for their adequacy in extending structural life for these higher than
anticipated loads. An examination of what is currently available, and how new fracture mechanics tech-
niques may be useful in obtaining reasonable life estimates, will be the starting point.

2.2 Developments in K - Stress Influence

In stress intensity factor development the basic equation is:

K=0 AT a ] (1)
The stress term, O , is normally the gross area stress based on remotely applied load. In a structure,
the magnitude and direction of applied load is not always obvious. The seriousness or criticalitv

of the part or structure will generally dictate the type of analysis for determining local loads. New and
evolving structures have finite element analyses performed to determine the optimum weight/strength combi-
nation. This is particularly true in aircraft structures as noted in other lectures of this series. But,
in most cases the potential or existing crack in a stricture requires a more detailed stress field descrip-
tion than that obtained from large area, finite element models. The gradients, due to local structural
details, fillets, holes, radii, lugs, etc., must be described in a fair amount of detail. If confirmative
testing is to be accomplished, this is a definite requirement so that gradients can be properly matched.
This requires the use of local finite element models. The boundary stresses obtained from the larger
models can then be applied to the local model. In many situations the individual performing the modeling
is not versed infracture mechanics. To properly interpret the local model results then requires close




S

42

cooperation between the FM specialist and finite element modeler.

In analytical assessments of stress gradients there are mathematical techniques available to properly
evaluate 0 in Equation (1). Superposition of stress intensities,Green's function matching, and others can
be used to obtain reasonable estimates of K and are particularly useful in preliminary design, where fre-
quent changes are made to sizing resulting in stress alterations. However, stress is not the only con-
trolling factor in Equation (1).

2.3 Developments in K - Boundary Corrections (Betas)

The basic stress intensity solutions are primarily developed for infinite boundary problems such that
Beta in Equation (1) is unity. This implies that the boundaries of the crack are far removed from the speci-
men or structural boundaries. However, this is not the case in structural hardware problems where part-
through~cracks predominate,holes are nominally 2D in edge distance, and radii are on free edges. Based on

past experience, it is known that without accounting for these influences, it becomes difficult to accurately r
predict fatigue crack growth.

In summary, the following are a must if stress intensity factor solutions are to be used successfully fie
in structural analysis: ;

° Loading must be accurately represented;
Plasticity must be accounted for;
Boundary corrections must be incorporated.

In current finite element techniques it is possible to accurately determine local stress and influence
of boundaries. However, the description of any elastic-plastic behavior requires something newer than
LEFM K's, and the J-integral approach looks promising.

2.4 Obtaining Structural Stress Intensity Factors ‘

Numerous procedures are available to determine K. In all cases, the solution is normalized and com-
pared to some existing solution (usually classical). The basic means of obtaining K are numerical, finite
element, and empirical or semi-empirical. For most structural crack geometries where cracking has occurred
in service, the semi-empirical fatigue crack growth matching procedure (see e.g. Reference 1) is most re-
liable, but limited to matching in-service structural behavior by test.

Of the several techniques available, numerical analyses 1is the most popular. These comsist of collo- \
cation, boundary integral equations, conformal mapping, complex variables, eigenfunction expansion, boun- 1
dary collocation, and others. In most of these methods, ideal loading, along with crack symmetry, is a

must. They are ideally situated to treat test coupon type of cracking when crack symmetry is not a prob-
lem.

Finite element analysis was first employed several years ago to develop stress intensity factors for
various through-the-thickness crack configurations. These were determined from linear extrapolation of
displacements toward the crack tip. This extrapolated displacement was then used in calculating K from
the normal LEFM displacement equations. Recently, the development of both two and three dimensional
cracked elements (treating the singularity at the crack tip) have been used with a high degree of success
for determining specimen-type, crack stress intensities, (e.g. center cracked & edge cracked geometries).
The use of these hybrid elements in conjunction with existing structural finite element analysis, becomes
immediately apparent. However, the ultimate use of these special elements should be planned during the
initial modeling stages to prevent excessive computer time and cost. The use of the finite element in the

analysis of structural crack problems will follow the trend already established in its use in structural
analysis.

In the case of fatigue crack growth in structure, one of the most accurate means of obtaining stress
intensities for crack geometries without existing solutions is by using semi-empirical methods. Those
described in Reference (1) are typical of the technique in which matching of unknown structural K's
(knowing the fatigue crack growth rates (da/dN))is accomplished by applying appropriate Betas to match the
classic da/dN versus K or AK data. Comparison of data obtained from both numerical solutions for K with
those obtained using this technique have been found to be excellent (see Reference 2) for complex structural
arrangements. Other empirical methods which have been used with confidence are energy techniques, such as

determining 2/ for the structure at given crack lengths, and the use of photoelastic (stress freezing) tech-
niques for the crack geometry of interest.

3. APPLICATIONS OF K TO A CRACK AT A STRUCTURAL HOLE

3.1 Comparison of Existing K Solutions - Thru and Part-Thru Thickness Cracks at Open Holes

The numerical solutions which are available for determining K's for a crack at a hole are limited to
the ideal crack geometry. However, if a crack at a hole is to be analyzed, a comparison of existing solu-
tions would be a useful exercise, and indicate both trends and limitations of the analytical methods. For
the open hole case, Bowie analyzed the through-the-thickness crack (TTC) at a remotely loaded open hole
(Reference 3). Equations have been fit to the tabular data of Bowie, namely Reference 4 & 5, and describe
this TTC situation quite well. Other solutions use the stress concentration (K¢) approach for an uncracked |
hole and decay the stress away from the hole (typical Green's function matching) for the cracked geometry. |
An example of this approach is shown in Figure 1 where the data of Hsu (Reference 6) agrees quite accurately
with the classic solution of Bowie for a TTC.

In service the TTC is not the usual crack geometry as indicated from numerous inspections of aircraft {
as described in Reference 7. !

Since most naturally occurring cracks are PTC and edge distance (finite width) becomes important, a
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comparison of PTC, K solutions should be made. The basic K solution applies (Equation 1) where the Beta
terms can best describe each individual solution. Beta generally being a function of crack depth, a ,

and hole diameter (D) or radius (r). As the importance of other factors such as crack length,c , (on the
surface) and flaw shape were realized, they were included in the basic K equation. For example, Liu
(Reference 8) indicated that Beta was a function of the ratio of depth to length and length to hole radius
as well as part geometry, i.e., width. W. Hsu (Reference 6) included the effect of flaw shape parameter,
Q, and crack depth to hole radius as a Beta function. Newman, using a semi-empirical approach (Reference
9) included the back surface correction as a function of depth of crack to thickness (B) ratio and crack
eccentricity (for single cracks at holes) for a more complete description of K. Recently, Raju and Newman
(Reference 10) using a three dimensional finite element approach, have indicated that in addition to those
factors already discussed, the stress intensity varies along the crack front as a function of @, the angu-
lar position along the front.

A comparison of these solutions for the case of a symmetrical crack (a/c = 1.0) for a given geometry,
is shown in Figure 2 for PTC at a 0.26 inch diameter hole. Several trends are evident. The solutions of
Liu (Reference 8) and Hsu (Reference 6) bracket those of Newman (Reference 9) and Wilhem (Reference 11).
The latter was determined using the Reference 1 approach to the data of Schijve and Jacobs (Reference 12),
developing semi-empirical K's for the PTC geometry, since crack symmetry (a/c = 1.0) was evident in that
data. Interestingly, the results of Reference 9 and 11 merge. The data used in the Reference 9 approach
were from stress freezing results and aluminum fatigue crack growth for Reference 11. Note that the three
dimensional results of Reference 10 falls within the band of these data. A variation is noted for the
given crack size which reflects the change in K with position along the crack front (#). For comparison,
the severity of the Bowie (Reference 3) solution for a TTC is noted, which emphasizes that a severe penal-
ty is paid by not properly modeling the primary structural cracking behavior at holes, i.e., as a PTC.

With comparative, normalized K data (Beta in this case) like those shown in Figure 2, a judgement can
then be made as to the proper solution to use in any fracture or fatigue analysis for that crack geometry.
In this symmetrical case, the solution of Reference 9 would be adequate for estimating K.

3.2 Influence of Random and Constant Amplitude Loading on Crack Shape

As part of an extensive damage tolerance assessment program performed in Reference 13, numerous PTC
specimens were tested to several random spectra. Post fracture examination of the fracture faces indicate
the less than symmetrical crack growth, i.e., a/c varies with depth of crack (see Figure 3). Note that the
growth from both countersunk and noncountersunk hole is not symmetrical in surface length and depth. To
further verify these changing crack aspect (a/c) ratios, several specimens of 7075-T651 aluminum were
tested to a given spectrum. Post fracture examination of the photomacrographs (similar to Figure 3) were
used to measure initial and half thickness a/c ratios. These data are shown in Table 1.

Table 1 Measured Crack Aspect Ratios for Random Spectrum Loaded PTC at Hole

HOLE CONDITION INITIAL a/c a/c AT HALF-THICKNESS

No Countersink 3.74

Countersunk 100° 2.18

Hole Diameter - 0.260 inches (0.66 cm)
Maximum Spectrum Stress - 48 ksi (331 MPa)

Thickness ~ 0.410 inches (1.04 cm)
Width - 3.0 inches (7.62 cm)

Although large variations of crack aspect ratio are noted for initial cracking, once the crack grows
to half-thickness, a fairly uniform a/c ratio develops, regardless of hole condition. With this infor-
mation in hand, it was thought that these trends may be a pecularity of spectrum loading. As an indication
of the unpredictable nature of even constant amplitude data, refer to Figure 4. These data obtained
from holes ( Ref. 14 ) on 7075-T6 aluminum, 0.635 cm thick with 0.635 cm diameter holes spaced > 10
diameter apart, show two different trends in a/c within the same specimen.

3.3 Factors Influencing Crack Growth From Open Holes

Several questions arose from the information provided thus far; 1) are there estimates of K available
to predict a/c changes with length; 2) how important are these changes in shape to life prediction; and
3) must the countersink be included in the Beta corrections to account for early life crack acceleration?

Normalized, three dimensional finite element results of Reference 10 can provide some insight into
the predictable trends of change in crack aspect ratio (a/c) with crack length, a. Polar plots of these
data are shown in Figure 5 for a/c = 1.0 and Figure 6 for a/c = 2.0 at three values of crack depth to
thickness ratio (a/t). Note the varying shape of normalized Ki with crack length. The maximum value of
K changes in angular position (P) with crack depth. Interestingly, the shape of the crack front of
Figure 3 (open hole) at an a/t ~ 0.2 looks very similar to that curve shown in Figure 6 for the same a/t
ratio. If predictions of crack front shape were required, then the use of the method described in Refer-
ence 10 could be used with confidence. However, as inferred from that reference cost considerations do
not warrant further refinements since the limits of these data agree quite well with the Reference 9 solu-
tions for both a/c ratios.

In all fatigue crack growth tests of Reference 13 initial, accelerated crack growth occurred from the
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PTC located at the bottom of the countersink. This acceleration was quite rapid and results from the in-
crease in stress concentration known to exist at the bore/countersink intersection. Previous data (Refer-
ence 15) indicated a 20% increase in stress for that intersection. Recent data (Reference 16) shows in-
creases as large as 25 to 35X using stress freezing techniques for uniaxially loaded holes.

It is now possible to develop the complete model for fatigue crack growth at holes. Those factors re-
quired for an accurate analysis would be to account for:

Countersink

Changing Crack Shape

Fatigue Life Improvement (Cold work, Inteference Fit, etc.)
Load Transfer

The test of any stress intensity solution is how well it will repredict the measured fatigue crack
growth data. Use of these solutions in predicting growth will be discussed next.

3.4 Correlation of Constant and Random Loaded Fatigue Crack Growth at Holes

A prediction was made of one, constant amplitude fatigue crack growth data set from Reference 14, where
crack symmetry prevailed to failure. The data and prediction using the Reference 9,K solution are shown in
Figure 7. Note that all datasets are plotted in terms of surface length, c, (rather than depth) as this
dimension is more readily accessible during structural inspections. The prediction is conservative, which
is very desirable for life prediction purposes. More importantly the trend matches the data quite well.

Data from spectrum loading of an open hole are noted in Figure 8 for duplicate tests. The solution
of Reference 9 was employed in conjunction with a retardation model proposed in Reference 17. This retar-
dation model was selected over others since it treats the higher spectrum stresses in a more consistent
manner for those spectra which are high stress dominant, as in this case. An in-house computer code was
used to predict the flight-by-flight growth of the crack using the proper retardation model, and the various
crack aspect ratios noted in Figure 8. Note that good correlation is obtained only for the early life por-
tion. If a variable a/c (with "a") were available to account for the changes occurring during test, then
a closer fit to the data would occur.

The influence of countersink on both early and overall life crack growth for two (2) alloys of 7075
aluminum is shown in Figure 9 for identical spectrum. Notice the rapid, initial crack growth for the coun-
tersunk specimens of both -T651 and -T7351. One anomaly is obvious from these data. Contrary to constant
amplitude fatigue crack growth data which show slower rates for 7075-T7351, these spectrum data show a re-
versal, i.e., the -T651 material has a slower growth rate. Examination of the literature revealed that
these reversals in trends for constant amplitude and spectrum loading, have been observed by others (Refer-
ence 18) for aluminum alloys. To further verify this trend, two (2) center cracked temsion (CCT) specimens
of identical geometry were spectrum loaded to failure. One coupon was 7075-T651 and the other 7075-T7351.
An initial constant amplitude fatigue crack was started from a 0.031 inch diameter hole with small jeweler's
sawcuts. From the data shown in Figure 10, it is evident that the only difference is in total life for the
spectrum environment. The consistancy noted here for these two (2) materials obviously negated the use of
a retardation model for prediction of the 7075-~T7351 material, since the constant amplitude fatigue crack
growth constants are different for these two alloys.

fn the actual hardware application there are influences which can override any of those discussed thus
far. In addition to load transfer, the condition of the hole and structural arrangements are most impor-
tant.

4. A FINITE ELEMENT SOLUTION FOR STRUCTURAL CRACK PROBLEMS

4.1 A Crack at a Highly Stressed Radius

A typical problem encountered in high performance aircraft is a crack in an area which is highly stressed
due to a combination of factors (wing sweep, new spectra, etc.). Knowing the structural description, a
finite element model can be developed as shown in Figure 11. By proper planning,a local model of the prob-
lem area can be made at the same time. Two (2) such models were made using the NASTRAN program and included
the skin, rib, and spars in the region of the skin radius. Making NASTRAN calculations of overall and lo-
cal stresses for the critical fatigue conditions produces plots (on the local level) as shown in Figure 12.
The build-up in stress at the radius is evident. The skin is tapered in thickness forward in this region.
From data such as these,a gradient is established for the radius which can be used to produce test matching,
and in the analysis. If stresses are large enough, then plastic behavior of the radius must also be con-
sidered. Several studies were performed examining this elastic-plastic fatigue crack growth problem. De-
tail results are reported elsewhere (Reference 19) and will be summarized here.

The problem was to predict fatigue crack growth from a PTC at a half inch radius, compare the results
with test data, and evaluate the "fix" which consisted of increased thickness, radius (to 3 inches), and
changing alloy. First step was to properly match the local model stress gradient in test. This required
a finite element model of the test coupon. The NASTRAN model is shown in Figure 13. Provisions were made
for elastic-plastic analysis using J-integral calculations. The details of the procedure used for calcu-
lating J are described in Reference 20. Square root of J values (in the elastic sense J = K2/E) for given
TTC lengths, are shown in Figure 14 for two alloys of 7075. Cross plots of these data with applied stress,
can be made which follow the trends noted in Figure 15. Normalized values can then be determined and used
in a corrective sense (as a Beta factor), which is now a function of applied stress since the \J is a func-
tion of stress (see Figure 14).

The elastic gradient of the specimen can be analytically predicted and is a function of the position
of the loading hole seen in Figure 13. Using this information a plot can be made of stress gradient with
load hole location. This variation in gradient is shown in Figure 16. The "fix" consisted, as mentioned,
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of increasing radius and thickness as well as changing alloy. The gradient for this larger radius is shown in
Figure 17. To match th2 local NASTRAN modei gradient of the wing, a load point 1 1/2 inches away from the
centerline is indicated by the data. Other information can also be obtained from these elastic-plastic
analyses. By assuming that flow stress (0) equals the elastic proportional limit of the material, the
individual elements are considered yielded under those conditions. A map can then be made of the elastic-

plastic boundary for each TTC length. The flow stress is computed from the following equation for elements
near the crack.

g = [oxz - Oxdy + cyz +3 Txyz] 1/2 (2)

A map of the computed zones using Equation (2) is shown in Figure 18 for the 7.62 cm radius loaded 1 1/2
inches off-center.

4.2 A Crack at a Cutout

The structural description is shown for a typical cockpit area in Figure 19. Cutouts are provided in

the upper longeron to permit latching of the canopy. A local model of the cutout with detail in the cor-
ner is shown in Figure 20 which shows cross sectional detail. Primary loading is due to cockpit pressuri-
zation and fuselage bending. Once again, a model of the coupon which will be tested must be furnished, and
comparisons made of gradients prior to test, with both full scale and local area models. Since the region
of interest is similar to a chord rather than a radius, the specimen was designed containing a chord. The
comparison of the fuselage gradient from the Figure 19 model, with that from the Figure 20 local model (at
a slightly different longeron location) is shown in Figure 21. Note a slight difference in depth of radius
between test coupon and local model. However, the gradients match quite well between test and analysis
(which also agree with the static test data on the full scale aircraft). Differences do occur in K¢'s at
the radius edge, therefore, care must be exercised in applying the proper loads to the test coupon, to
match service loading.

The accuracy of the analytical procedures developed in this lecture will be discussed in the second

lecture by the author of this series.
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DAMAGE TOLERANCE ANALYSIS OF REDUNDANT STRUCTURES

By
T. Swift

Douglas Aircraft Company
McDonnell Douglas Corporation
Long Beach, California 90846

SUMMARY

A modem transport aircraft contains wide expanses of basic redundant structure which must be designed with some damage
tolerance capability. Reliable and economical analytical procedures are therefore required to ensure the most efficient design which will
meet these damage tolerance requirements.

Several kinds of analytical approaches are described herein including finite-element, energy release rate, and displacement
compatibility methods. Each of these methods can be used to calculate the crack tip stress intensity and stiffener stress concentration
factors necessary for the damage tolerance design of stiffened structure. The role that stiffeners play in reducing the crack tip stress
intensity factor to a level which can arrest cracks after rapid propagation is described. The effects of variations in geometry on the crack
tip stress intensity factor, stiffener stress, and residual strength are presented, including the results of a parametric study. Finally,
analytical procedures are described which account for fastener nonlinear shear displacement and the effects of stiffener plasticity.

1. INTRODUCTION

Considerable effort is expended during the early design phases of modern aircraft structures to ensure a crack-free fatigue life. In
the early layout stages, this effort starts by using simplified analytical methods together with working stress levels obtained from past
experience. As the design progresses and fatigue-sensitive areas become more clearly defined, the analysis of these areas becomes more
sophisticated. Cumulative damage calculations are performed based on spectra developed from the expected utilization of the aircraft.
This analysis is supported by information gained from large component development tests of structure simulating actual critical
components. Finally, the design is verified by full-scale fatigue testing to at least twice the expected service life. The flight-by-flight
loading applied in these tests simulates the actual service loading as closely as is economically feasible. Nevertheless, all of this effort
cannot guarantee that fatigue cracking will not occur in at least some aircraft in the fleet. The structure must therefore be designed to
be tolerant of some fatigue cracking in service. Further, to ensure safe operation of the fleet, any such cracking must be detectable
during scheduled inspections before it reaches critical proportions. Structure can be designed in more than one way to achieve this. For
example, safety can be achieved in single-load-path structure by ensuring that crack propagation will be slow enough to be detected
before unstable cracking to failure occurs. This type of structure has become known as “slow crack growth” structure. Moreover,
structure can be designed with either redundant load paths or crack-arrest capability so that if failure of one or more elements occurs,
some load can still be carried. This type of structure is, of course, known as ““fail-safe structure.” The critical crack size for “slow crack
growth” structure is usually small and not easy to detect. On the other hand, much larger and thus more easily detectable damage can
usually be sustained in failsafe type structures. When one considers that a modem jet transport aircraft can contain over 15,000 square
feet of basic structure, it becomes obvious that greater safety will be ensured if these large expanses of basic structure are designed to be
redundant and thus fail-safe. Good analytical procedures are required for economical design to meet fail-safe requirements for
redundant structures. These procedures must be capable of performing parametric studies in an economical way so that the most
efficient geometrical configurations can be selected. This paper will be devoted to a review of analytical methods used for the fracture
analysis of built-up redundant structures.

2. BASIC PRINCIPLES OF STIFFENERS AS CRACK ARRESTERS
2.1 General Discussion

The structure of a modern transport aircraft is essentially a thin shell with stiffening elements. In the case of the wing, skins are
designed to react shear loads and spanwise stringers are provided for stability under compressive loads. Chordwise ribs break these
stringers into short lengths to increase compressive allowable stresses and also react air loads and crushing loads due to wing bending
curvature. In the case of the fuselage, longerons provide stability for fuselage bending loads and frames transfer payloads into the skins
which react shear and pressurization loads, as indicated by Figure 1. These stiffening elements, provided essentially for static strength,
are sometimes adequate as skin crack arresters. Quite often though, geometrical changes are required to optimize the stiffeners for
damage tolerance. To obtain a clear understanding of the role that stiffeners play in the damage tolerance of structures, it will be useful
to look at their effect on crack tip stress intensity factor.

2.2 Effect of Stiffeners on K

It has been shown previously that both crack propagation and residual strength are functions of the crack tip stress intensity
factor, K. In unstiffened panels, K increases as the crack length increases for constant applied stress. In this case, when the crack reaches
a critical length, fast fracture occurs, resulting in complete failure of the panel. Carefully designed stiffening elements, however, such as
frames with circumferential crack stopper straps, can provide effective redundant load paths, thus confining damage to a local area.

The stress intensity factor, K, has been shown to be a function of the stress field ahead of the crack tip. In the case of stiffened
panels this stress field is reduced as a large portion of the redistributed load is transferred to the stiffening elements. This is illustrated
diagramatically in Figure 2. Figure 3 shows actual sheet stress distributions, o, ahead of a crack tip in both unstiffened and stiffened
panels containing a 17-inch-long crack. The distributions shown are results of finite-element analysis. The stiffeners are shaped as a
‘““Hat” section at 8-inch spacing with a cross-sectional area of 0.5121 square inch. The sheet is 0.07 1-inch thick. In the case of the
stiffened panel, the center stiffener is assumed to be broken. As indicated by the figure, there is a considerable reduction in sheet stress
as load is transferred to the unbroken outer stiffeners. The reduction in stress depends on the size and location of the stiffeners and the
flexibility of their attachments to the skin. Figure 4 shows the local stress o, ata location 0.5-inch ahead of the crack tip as a function
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1can be shown that the effect of stiffenem on the stress interity fuctor In redundant, bullt-up structures cin be expresied »s;

K - fay/m 4}

where s o conzetion due to all peometricu! effects,
Phe term 5 a tunction of erack length and alsc represents the foliowing geometrical effects:
Stiftener spacing
Stiffener saction properties — ares, inertia, neutral axis Jocation
Stiffener elustic or plastic material properties
Fastener displacement, vither linear or nonlinear
Skirs thickness, modulus, and Poisson’s retio,

a4 & & 0 0

The value of § can be less than unity when the crack tip I8 In the vicinity of an intact stiffener or yreater than unity if the stiffener is
hroken. This is iftustrated in Figure § which shows § = K/ov/#a us a function of crack length for the stiffencd pane! described earfier. It
can he seen that when the crack tip Is in the vicinity of the broken stiffener, the value of g and thus the stress intensity factor is high
due to tead redistribution from the broken stiffencr into the cracked area. This situation s relieved as the crack tip approaches the
outer intact stiffeners. A large percentage of the load given up by the cracked sheet and broken stiffencr is trunsferred fo the intact
stiffe ers, as indicated by Figure & which shows outer stiffener maximum foad, P, as a function of crack length. The effect of stiffeners
in fnoreasing or decreasing the stress intensity factor, K, for the broken or intact stiffener case, respectively, is ilfustrated in Figure 7,
whiv's is merely a plot of Faquation (1),

2.3 Residual Steength

The equation for erae’, tip stress intensity factor in stiffened structure can be rearranged in terms of the critical stress, o, critical
crach xige, a , and the mat al fracture toughness, K. (in the case of plane stress). Thus, Equation (1) becomes

a, = ch(ff\dfﬂ:) (V4]

A residual strength dingran hased on skin fracfure can be plotted from this equation, At this point, it will be uscful to review a simple
restdual strenptdedpram,

Consider the skin fracture curve shown in Figure 8a, plotted from Equation (2) for the panel described earlier with a broken
central stiffener it which the skin materiat {s 7075-T73, If a crack of lerith 2a, exists in the skin, equally spaced about the center
stiffener, and a stres o, i epplied. then fust fracture will occur at point A {negiecting slow growth) and the crack will be arrested at B.
The ¢ ok is arresteod becauss its fip intensity factor is reduced below K due to transfer of load to the stiffener. The stiffener itsell can
hecar o critical as ot picks up load {from the cracked skin and an allowahie stiffener strength curve can be plotted as shown also in
Figur: Ja. Further increase i1 stress above o, would cause stable crack growth to point F where skin fracture would again occur. The
crack vould rapidly extend 1o a peint at G when stiffener fuilure would occur with subsequent failure of the panel. This failure would
have ceen precipitaird by skin fracture, Any fast foacture above point E would not be arrested. For example, fast (racture at point C
with - ress level g, il crick fength 2a, would cause complete failure at peint D due to stiffener overload.

e stiffener s srength curve shown in Figure Ra is based on 7075-T6 extruded material having an ultimate test strength of 84 ksi.
The = feet of reducng the stiffener tension strength on the failure mode is {llustrated in Figure 8b where the stiffener strength curve
refles . the Iower sOtie streneth properties of 2024-T3, In this case, the residual strength witl not be based on point F of the fracture
curve Any fast fracture at o stress higher than g, would cause fallure of the pancl. For example, if a skin crack existed of length 2 2a,
and ress oy were wpplied, fast fracture would oceur at A, Without further increase in applied stress, the cmcl would rapidly propagate
to po =t B, where complete failure would oceur, pracipitated by stiffener overioad.

s further criterion for Saflure of stiffened structure is ilfustrated in Figure 8c. Elastic analysis indicates that the first rivet in the
intner stiffencr adfucent to the crack tip can fail and precipitate failure of the panel. In this case, the panel residual strength would be
hasec on stress oy of Figure Be. Any fast fracture at a stress I igher than o, and lower than 03,88 in the case of o, would cause failure
of the panel precipitated by first rivet failuire, For axample, for 3 pane] wi: M crack length 2a, and applied stress oy, fast fracture would
accur ot A and the erack would ranskdly oxzend te B when fuilure woul” occur due to first rivet failure. Fost fracture at stress levels
.mnw oy would cose total panet fadlure due to stiffener falls: 2, The ri- ot criteria curve in Figure 8¢ Is based on aluminum rivets of

Hadneh diumeter. The effoct of mcreasing fastenar strength is on!y slight, os indicited by Figure 8d which also shows the effect of
mcn.mnu stiffener cirength 2nd fracture toughness, X Ker

Jhe fastener sirength ooiterin ciscussed above 's the res:!t of elustic analysis, In practice, the first rivet load is greatly relieved due
to vielding, Testing has indicated that fastener failure will procipltate ponel fallure only at extremely high stress levels {in conventional
aireraft strizcture) when skin fractuze toughness is high. Of course, vielding of the first rivet will increase the crack tip stress intensity
factar . d relieve te stiffener stress, This problem will be add:cssed Iater.

2.4 Efoctof Stiffeaen on Crack Propagation

A ondicated vorlier, it s been shown that the crack propagation rate da/dN for any material, M, can be expressed as a function of
crack Lo stress ntewity mnpe, AR The numiber of eycles rec dred to grow n crack from an initial tength a, to a final length o, can then
be exp swed ay
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AK = §(1 - Ryo/ma @)

where R is the stress ratio o, /om". The term g, which contains all the geometrical effects described earlier, must be calculated for an
assessment of the crack growth in stiffened structure.

It has been shown in this section that both residual strength and crack propagation in stiffened structures depend on the value of
the geometrical term . This term is not readily available without a fairly complex stress analysis. The following sections describe several
methods for the calculation of 8 with the relative merits of each.

3. DIRECT FINITE-ELEMENT METHODS

3.1 Panel Idealization

This approach for the calculation of § is based on a ‘“‘lumped parameter” finite-element analysis of an idealized structure
representing the panel. The method is based on the force matrix method of structural analysis'!*?) and uses the Fortran Matrix
Abstraction Technique, FORMAT?), to solve the necessary matrix operations. It should be noted, however, that any finite-clement
procedure could be used. The idealized structure is shown in Figure 9. The panel is divided into a series of discrete bars and shear
panels. The bars carry axial load and the panels carry shear load. External reactions and loads are applied at the joints. Only one quarter
of the panel requires consideration since the crack is assumed to propagate symmetrically about the centerline of the panel. The bar
areas are determined by using a width of skin, X, or Y, representing half the distance between the two adjacent bars. The stiffeners are
idealized by simulation to discrete areas located in such a way that both axial and bending stiffenesses are correctly represented. The
fasteners are represented by a continuous shear panel between the idealized stiffener outer cap and the skin. The thickness of this shear
panel is chosen to give the same stiffness as the rivets. Correct simulation of the rivet flexibility is essential in any stiffened panel
analysis. An empirical relation for rivet elastic displacement which has been successfully used in the past is

. A D, D
5 = £ [A +(‘(Bl *3, )] )

8 = displacement
P = applied load
E = modulus of sheet material
D = rivet diameter

B, B, = thickness of jointed materials (skin and stiffener crown)

A = 5.0 for aluminum rivets and 1.666 for steel fasteners
C = 0.8 for aluminum rivets and 0.86 for steel fasteners
The displacement of a shear panel simulating the rivet connection is given by

(B, + B,)P

) = e (6)
SP 2 Lyp Bgpu

where

Lgp = length of shear panel (rivet spacing)
Bgp = thickness of shear panel

u = shear modulus of shear panel
Equating Equations (5) and (6) and solving for the simulated shear panel thickness gives

ED(B, +B,) -
Bse = Jul,, (A + C(D/B, + D/B))] :

3.2 Simulation of Crac

Loads are applied to the points at the top of the panel to represent a unit stress and reactions at the bottom are disconnected
successively to simulate a propagating crack. The crack tip stress is defined as the bar stress adjacent to the last reaction disconnected, as
shown in Figure 9. In this type of analysis it is necessary to perform the analysis for both unstiffened and stiffened panels having
identical skin idealizations. The effect of the stiffening elements and thus the value of § is determined by taking a ratio between the

simulated crack tip stresses, 0, ., for the stiffened and unstiffened panels as follows:

%e _.!svtvi_l‘_rened panel) ®

B =3, (unstiffened panel)
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These stresses are of course finite and thus do not reflect the true singularity at the crack tip; however, since stress intensity is related to
the stress field near the crack tip, it is reasonable to obtain the value of 8 from finite stresses near the crack tip.

The finite-element analysis of the stiffened panel provides stresses over the entire panel as a function of crack length. Stiffener
stress concentrations and simulated fastener shear loads can thus be obtained and used with their respective allowables to obtain a
residual strength diagram.

3.3 Typical Results

Table 1 shows values of simulated crack tip stress for a typical analysis of the stiffened panel configuration described earlier. Also
shown are outer stiffener, inner and outer cap stresses, and simulated fastener shear panel maximum shear flows. The resulting value of
B, obtained from Equation (8), is plotted in Figure 5. Typical residual strength diagrams resulting from this analysis are shown in
Figure 8 for various stiffener strength and K _ values.

This method of analysis has proved completely successful for panel configurations for which the skin materials have comparatively
low fracture toughness. However, for skin materials having high fracture toughness, such as 2024-T3, the allowable stress levels become
so high that elastic analysis may not provide accurate results.

The main disadvantage to the direct finite-element method is the large amount of computer time consumed. The necessity to
perform analyses on both stiffened and unstiffened panels does not help this situation and although plastic analysis is possible with the
method, the cost becomes prohibitive.

4. FINITE-ELEMENT ENERGY RELEASE RATE METHOD

4.1 Method Description

The finite-element energy release rate approach to the determination of stress intensity in stiffened panels offers the advantage
that the results can be obtained directly by analysis of the stiffened panel. The unstiffened panel analysis is not required and thus the
savings in computer time is 50 percent compared to the direct finite-element approach. The method is based on the determination of
stress intensity factor K from the relation

- J3U
K~ [z E )

where 9U/0A is the rate of change of strain energy U with respect to crack area A and E is the elastic material modulus. The stress
intensity factor K cannot be obtained from a single computer run at one crack length. A series of solutions is required with increasing
crack length. This, however, is not a disadvantage since it is rare that results from a single crack length are required. Disconnection of
the reactions to simulate the propagating crack is automatic in the program and usually 12 crack lengths are obtained in one computer
run. The strain energy can be determined from the deflection at the crack face or displacement of the applied loads. The latter is more
convenient since it eliminates the need to apply displacement vectors in addition to reactions along the line representing the crack path.
The strain energy U is thus obtained by summing the input energy of the applied loads using the relation

i=n 5.q. .
U=2P'_5‘. (10)

Figure 10 illustrates the concept. The relation between the energy change U and the crack area A is differentiated numerically in the
program to determine K through Equation (9).

4.2 Correlation with Classical Solutions

The energy-release-rate approach has been correlated with classical solutions for simple problems. One such correlation is
illustrated in Figure 11 for an unstiffened panel. The energy solution is shown compared to the classical solutions of Isida and Irwin.
One advantage to this method is that the grid size in the idealization need not be very fine. The solution illustrated in Figuse 11, for
example, used a 2-inch grid size along the crack path.

4.3 Correlation with Two-Panel Solution

The energy-release-rate approach, as previously mentioned, represents a 50 percent savings in computer time and produces results
within 1.5 percent of the two-panel solution. A fairly comprehensive structural idealization was computerized to compare the energy
and two-panel solution. This idealization is shown in Figure 12 and represents a panel 0.071-inch thick with frames at 24-inch spacing.
The results of this analysis are shown in Figure 13.

4.4 Complex Structural Configurations

One of the main advantages in the energy solution is the ability to analyze complex configurations not possible with known
classical solutions. A typical example of this is in a pressurized fuselage shell, stiffened by frames and titanium crack stopper straps. At
the location of a floor beam support, the frame bending moments are extremely high due to input of floor load into the frame. The
frame bending induces local stresses in the skin, causing a nonuniform stress distribution across the bay when superimposed on the hoop
stresses due to pressure. The calculation of crack tip stress intensity factor in the skin would thus be extremely difficult with any
analytical method other than the energy-release approach. This problem is illustrated in Figure 14 which shows a skin crack in the
vicinity of a floor beam support. The idealization representing a quarter of the structure is shown in Figure 14. Stresses created by a
cabin differential pressure of 8.6 psi were applied together with concentrated loads to simulate the floor beam support and proper
frame bending moments. The center crack stopper is assumed to be broken. A residual strength diagram for this structure is plotted in
Figure 15 as a function of allowable frame bending moment. The diagram indicates that with a half crack length of 20 inches in the
skin, a frame bending moment of 52,000 inch-pounds would cause failure.

R e -
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S. DISPLACEMENT COMPATIBILITY METHOD
5.1 Method Description

This method is based on compatibility of displacement between the cracked sheet and the stiffeners after accounting for fastener
displacement as illustrated in Figure 16. This approach can result in computer time savings of up to SO to | when compared to the
direct finite-element method. The main savings are attributable to psuedoanalytical techniques resulting in a relatively small matrix

inversion compared to the finite-element method.

5.2 Sheet ts

Displacements in the cracked sheet are based on the theory of elasticity using the complex Airy stress function approach of
Westergaard®). The differential equations of equilibrium and compatibility can be satisfied by taking any stress function (x,y) and

using the expressions

=3¢ =2 =-Ey
0‘ Py 2’ Oy a‘z » fx' a‘ : (ll)
y

Westergaard found that choosing an Airy stress function

¢=ReZ +ylmZ 12
where

792 -4Z 74

z z ’ z dz and  Z dz

would satisfy the equilibrium and compatibility equations for any problem.
Re and Im are real and imaginary portions of each function of Z. Z, a complex function of z = x +iy, is chosen to satisfy the

boundary conditions for each specific problem. Differentiation of Equation (12) and substitution in Equation (11) yields the following
equations for stress.

o, = ReZ - yimZ'

a3)
o, =ReZ + yimZ'
Substitution of Equation (13) into the biaxial equation for strain in the y direction results in the following equation for strain
€, =3 (1 - MReZ + (1 +V)yImZ'] (14)
Integration of Equation (14) gives the following equation for displacement.
15)

V ==[2ImZ - (1 + »)yReZ]

o

As an example, consider the two-bay skin-crack case with a broken central stiffener. The cracked skin displacement is obtained by
superposition of the four cases shown in Figure 17. Displacements due to these four cases are:

V,, the displacement in the cracked sheet due to overall gross stress.

V,, the displacement in the uncracked sheet due to outer stiffener rivet loads.

V,, the displacement in the uncracked sheet due to center stiffener rivet loads.

V,, the displacement in the cracked sheet due to a stress applied to the crack face equal and opposite to the stress caused by
the rivet forces.

For an infinite biaxially loaded cracked sheet, the complex stress function Z obtained by Westergaard(*) is given by

Z = oz/(z* - a?)'/? (16)

Substitution of this stress function into Equation (15) yields the following equation for displacement:

V,=0 {2\/5 1, Sin (8, +0,)/2~ (1 +v)yr(Cos (6 - 0, ), - 02,2)1 Vi +»y}/F_ an

The stress 0, and displacement V. in an uncracked plate due to a single concentrated force F can be derived from the work of
LoveS) and expressed, respectively, as:

' 2
0, = Fy(l +v) [:,Sﬂa ek (18)
arB(x? +y) ' TP x? +y?

where

FU+»|3-» 2, 2y 4 (L2
Ve = 4*BE log (x? +y?) + iyl +C 19)
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X and y are measured from the load point and C is a constant of integration. The singularity, contained in Equation (19), at the load
point can be removed by distributing the point force over the rivet diameter D. Using Equation (19) to obtain the displacement for an
elemental load and integrating across the rivet diameter will yield an equation for displacement free from the singularity at the load
center. This equation can then be used to obtain an e

quation for the displacement V, in the uncracked sheet for a system of four
forces, as shown in Figure 17. Thus, V, can be expressed as:

BRSNS e S

st i i P

2 2
(1 +v)3- ) X, +1) +Ye
V,(x.,y..x.,y.) = (X, +1) Log {——*——
2 A
7Y 167EB (xA + ')2 vt Y:

X 17 YE YT

Xg - 12 +Y2 1= 1 2y, J
- (Xg - 1) Log {(XB- e +4(3~v) Y, Tan

Y +X3 -1

X, - D?+Y2 (Xg + 12 + Y2
- (X, - 1) Log {4“‘} +(Xg *+ 1) Log {i A

R

2Y

2Y [ 2y
+Y,Tan! (——A 3yt {— "8 ( ypo0 ) 2 (20)
% Y2 +X2 -1 g Y2 +X2 -1 4 Y2 +x2 -

Similarly, the displacement V;, in the uncracked sheet due to a system of two rivet loads is given by:

B e

2x, 2 \
= +1) +Y?
0 +0)3- v [ ) (D : ) A

V(YY) = “—6eEB — (ﬁ'*l Log { ————

(in 2 5
{ Dty Y |
(2*. l)2 - l
2 D + 2Y
2 D A 1-v -1 A
- (T l) Log =5 2 +4(3 v) Y, Tan 5 |
B0 e Bl
2Y,
- Yy Tan™! 8 n
4x, 2
7 g i
Yg + D 1

Similarly,

by transfer of axis and superposition using Equation (18), the stress distribution along the x axis of the uncracked sheet, as
shown in

Figure 18, due to a system of outer stiffener and inner stiffener rivet forces is given in general by:

(1 +vyy,
a’(xvo) b —T;B_- {F"‘(X‘-y‘-b) + ijYj'b)}

@2
where
. i 2
atyyy) = (34 :) {(b - x‘): ~ Ar "1’: v } - _2(:), ’2))’]1 Tl ,2(:’],: ’:”y'z T Q3
|
By, b) = (f%:) (bTi—yf) ((bzi—":‘z)z) Q4

|
|
The displacement V, is obtained by applying an equal and opposite stress distribution over the crack face to cancel out the stress
distribution ay(x.o) caused by the rivet forces F and P.
This is achieved as follows: The displacement anywhere in the cracked s

heet due to a system of equal and opposite concentrated
forces P applied to the crack face as shown in Figure 19 can be determined from Equation (15) in which for this case the stress
function, due to Irwin‘®) s given by
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(25)

Substituting 9, (x,0)tdb for P and integrating over half the crack length will yield an expression for displacement V, in general

terms as follows:

il (1 +v)yl
2n2EB

where « and  are given by Equations (23) and (24) and € is given by:

(a? - b?) + (a® - b?)!/2 (BC + AD) + 1,1,
YD) =log [ i
(@@ - b?) - (a® - b))'/2 (BC + AD) + 1,1,

y;(1 +v)a? - b?)'/2
nnaY

- 2xiyi{xl(BC + AD) - y,(AC + BD)}]
where

A= +x -2 B=(-x +a)l?
C=(+x,+a)!?  C=(,- x;- a)!/?

It is necessary to solve Equation (26) numerically.

The total displacement of a point on the cracked sheet due to gross area stress and system of rivet forces is

V.

ot = Vi V2t V3 +Y,

§.3 Stiffener Displacements

a *
{F,J; a(xj.y’.b) € (x,y;,b)ddb + P)f Bly;.b) € (xi,yi.b)db}
o

[(x,2 ~ b2~y {x‘(AC - BD) + y,(BC + AD)}

(26)

Q7

Stiffener extension at the fastener shear face is determined due to axial loads and bending from fastener loads and direct loads due
to axial stresses. The stiffeners are considered supported over several frames and bend due to fastener loads being offset from the
stiffener neutral axis. The intact stiffener is considered supported on three frames and the average bending moment between each

fastener, obtained through use of the three-moment equation, is given by:

g €6 & 2 Ya-n *Yi
N, = L CF,- {Ei 2 F@hy -y sheSog—
j=i j=n+1
Stiffener displacement due to bending is given by
c =
5ni “E o MA'(Yi - Yo

i=n+1

Outer stiffener displacement due to direct load is given by

| e y, Jzln
%,=aE L Fntae XL F
jen+1 jeir

Outer stiffener displacement due to gross stress is given by

9Y;
Sc‘ ‘-E—

where
C = distance from shear face to neutral axis
1 = stiffener inertia

L = distance between supports

(28)

(29)

(30)
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n = number of active fasteners per stiffener
y = rivet coordinate from crack centerline

Similarly, each half of the central failed stiffener from the crack centerline is reacted on three frame supports and the average
bending moment between each fastener is given generally by

i j=n 3Y, y +y.
- C 5 i (i+1) i
My 2o 0" {t, "j(z' m)} {“—»—“} e

MAi(y(m) -y (32

Center stiffener displacement due to direct load is given by

j=n-1

e 1
8. = AE ;;?Pj(y" - YR .Z’:' Py, - ¥ 33)

1] j=i

5.4 Fastener Displacements

As load is transferred from the cracked sheet to the stiffener, the effect of fastener displacement is an extremely important
consideration in the fracture analysis of stiffened structure. If this is neglected, errors up to 50 percent in the calculation of K can
result. It has been determined by tests that the elastic displacement in shear can be represented by the following empirical relation:

_F D, D
Sp = ED [A+C(§|— +—S)] G4

where the terms in this equation are the same as those fottowing Equation (5).

Figure 20 illustrates the importance of fastener flexibility. A panel containing a crack of a half length of 5.0 inches is stiffened by
a strap having a cross-sectional area of 0.375 in?. The strap is fastened to the panel by one rivet on each side of the crack. The skin
displacement under load at the rivet locations equals the displacement of the fastener plus the displacement of the strap. The figure
illustrates that 75 percent of the combined rivet and strap displacement is contributed by the rivet. It can easily be seen therefore that
fastener displacement is important in the calculation of K.

5.5 Compatibility of Displacement

The solution to the stiffened panel problem using the compatible displacement method is obtained by the simultaneous solution of
a series of compatibility equations. In the case being considered here as an example, compatibility at the center broken stiffener is given
generally by:

j=2n
272EB

jt.«bl

(1 +v)y, o
F, {vl(xn.yn.xj.yi)- et f q(xj.y,.b)e(xn.yn.mdb}
o
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-3 P ¥y )-—-—1f b ¥, .b)db
p> j{v,(xn VoY)~ S.igR A B(y;:b) € (x,,.y,.b)d }
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jxan (1 +v)y, r*
~ F, v, (x,y,.%, )-———lf alx;.y.,b) € (x..y,,b)db
NZ:‘ :{ YY) T S e ] 3Y) Y

jzn (1 +)y,
+ 5P {vy(x, .y)-————-‘f Bly,.b) € (x,.y,,b)db
‘.2' j{! iYirYg wEB J, Y Y

=ov, (x,.y) - ovi(x .y,) (35)

Compatibility at the outer, intact stiffener is given generally by:

j=2n 1+ v)y, .
8D, + 8M, + 8R, - 35 Fj qv,(x.yxpy)) - 2—1——1‘ a(x,.y; b € (x,.y,.bMdb
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A compatibility matrix is formulated from these equations of size 2n X 2n. The number of active fasteners, n, on each side of the
crack depends on the configuration. 1t is economically advantageous to make the value of n as small as possible, but accuracy is lost if it
is made too small. A value of 15 is usually adequate for the case where the center stiffener is failed. A curve of K is shown in Figure 6 of

Reference 7 as a function of the number of effective fasteners. The compatibility matrix is inverted by computer to solve for fastener
loads.

5.6 Crack Tip Stress Intensity Factor

Crack tip stress intensity factors caused by each pair of center stiffener fastener loads, as shown by case a in Figure 21, are given
by

. =R [za2+(3+uw§]
CS

37
2 2 2,32
BT | a +YI)
Similarly, for each set of outer stiffener fastener loads, as shown in case b of Figure 21, the stress intensity is given by:(®’
2FY, /ma
x=—'-[;—[(3;”) |,—(|+u)|,] (38)
where
1 = 8 39)
Y,V OF +a? - xD)? +axdy?
@ +xpvi + @ - xP?1 2+ xqvio - a? +x]) s
. 2, Bl + a? - x2P + ax2Y3)312
1/2
B=—-\/;-[(Yf+a’-xf)+ /(Yf+az—xf)2+4fof] “h

Total stress intensity is obtained by superposition of the effects of all active fastener loads, paying strict attention to the direction
of the loads, and the effects of overall gross stress.

6. CORRELATION BETWEEN DISPLACEMENT COMPATIBILITY
AND DIRECT FINITE-ELEMENT METHODS

The displacement compatibility method is considered to be more accurate than the direct finite-element approach. This is mainly
due to the fasteners being properly represented as concentrated loads distributed over their diameters instead of simulation to a shear
panel as described earlier. It will be noticed in Figure 9 that the gridwork of the finite-element model becomes fairly course as the
distance from the crack path increases. This is done to save computer time. The shear panel load is applied to the center of its adjacent
bar as a concentrated load with the stiffness of the connection appropriate for the length of the panel. For the model shown in
Figure 9, there are 10 such shear panel loads for each stiffener at varying distances from the crack. If the correct shear panel stiffnesses
and locations from the crack are correctly input into the displacement compatibility program, the correlation shown in Figure 22 will
result for the example problem of the two-bay crack with the center stiffener broken. It is apparent that the displacement compatibility

method results in higher crack tip stress intensity factors in the region of the broken stiffener but when the crack tips are in the vicinity
of the intact stiffener, correlation is good.

7. EFFECTS OF STRUCTURAL GEOMETRY
7.1 Parametric Study

The effects of structural geometry can best be illustrated by conducting a parametric study. The displacement compatibility
method is most suitable for this due to its ease of application and comparatively short computer running times when compared to
finitelement methods. The two-bay crack configuration with a broken central stiffener was chosen as the most interesting case.
Figure 23 shows the structural configurations considered. The effects of varying the stiffener area and spacing are considered initially
and therefore sheet thickness and fastener spacing are held constant at 0.063 and 1.0 inch, respectively. The stiffener depth is held
constant at 1.25 inches and the flanges are varied in thickness to achieve section property variation. The results of this parametric study

are shown in Tables 2 through 5. The values of 8 and stress concentration factors in the outer stiffener outer flange and outer stiffener
inner flange are given by:

SCFO = 0“0/0 42

SCFI1 = og1,/0 43)
where

Og1o = outer stiffener outer flange stress

0gyy = outer stiffener inner flange stress I
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o = panel remote gross stress

7.2 Effect of Stiffener Area Variation

For illustration purposes, values of skin K_ and stiffener F , were chosen as 120 ksi/in. and 82 ksi respectively. Skin fracture
strength, based on Equation (2), is shown in Figure 24 for Cases 13 and 16. Stiffener strength is based on F  /SCFO. The panel residual
strength values for a two-bay crack with a broken central stiffener are based on points A and B at the intersection of the skin fracture
and stiffener strength curves. Any skin fast fracture at higher stresses than these values would cause failure. In Figure 24, for Case 16,
where the stiffener has the largest cross-sectional area, it may be noted that fast fracture at any stress level will occur at a shorter crack
length than for the smaller stiffener. This is due to the higher load from the broken stiffener being transferred to the skin in the vicinity
of the crack. However, the gross residual strength for the panel with larger area will be higher due to the strength capability of the
outer, intact stiffener. The boxed area shown in Figure 24 has been replotted in Figure 25 to a larger scale with Cases 14 and 15 added.
It is indicated that the residual strength of the panel will decrease with decreasing stiffener area.

7.3 Effect of Stiffener Spacing Variation

The effect on residual strength of varying the stiffener spacing is illustrated in Figure 26 for Cases 4, 8, 12, and 16. The stiffener
area for these cases is constant at 0.4113 inZ. It is evident that the residual strength, defined by points A, B, C, and D, decreases with
increasing stiffener spacing. The residual strength for Cases 8, 12, and 16 is based on stiffener strength criteria whiie that for Case 4 is
skin fracture-critical as indicated by point A at the peak of the skin fracture curve. However, it will be noted that in all cases the design
would be very well balanced since the intersection of the stiffener strength and skin fracture curves occurs almost at the peak of the
skin fracture curve. A KC value of 120 ksi/in. was chosen to illustrate this point. The case illustrated in Figure 8a is not a balanced
design since the stiffener is overstrength in relation to the skin fracture toughness. Figure 8b illustrates a case where the stiffener is
under strength.

7.4 Combined Effects of Stiffener Spacing and Area

The results of varying stiffener area and spacing are illustrated in Figure 27 for the cases considered, where skin K is 120 ksi/in.
and stiffener ultimate strength F is 82 ksi. Increasing stiffener spacing and decreasing stiffener area cause decreases in residual
strength.

7.5 Effects of Skin Fracture Toughness and Stiffener Material Strength

The effect on residual strength of varying the skin fracture toughness is illustrated in Figure 28. Case 16, where stiffener area and
spacing are 0.4113 in.2 and 12.0 inches, respectively, is the condition considered. Also illustrated on Figure 28 is the effect of varying
the stiffener material strength. In the case of the stronger stiffener with F, = 82 ksi corresponding to 7075-T6 extrusion, the residual
strength is given by points A, B, and C as the skin fracture toughness is reduced from 150 to 90 ksi\/in. Points A and B correspond to
stiffener-precipitated failure and point C represents failure caused by skin fracture. In the case of the weaker stiffener, the residual
strength is given by points D, E, and F as K_ drops from 150 to 90 ksi/in. All of these failures would be precipitated by stiffener
strength criteria although in the case of point F, the stiffener and skin criteria are almost the same.

7.6 Effect of Rivet Spacing

The effect of stiffener-to-skin rivet spacing is illustrated in Cases 17, 18, 19, and 20 for the two-bay crack with a broken stiffener
of Figure 23. In this case, the stiffener spacing considered was 8 inches and the stiffener area was 0.2538 in.2 with a flange thickness of
0.10 inch. The skin thickness remains constant at 0.063 inch. The results of this parametric study are given in Table 6. Residual strength
curves for Cases 17, 18, and 19 are shown plotted in Figure 29. At the intersection points A, B, and C it is indicated that increasing rivet
spacing causes a decrease in residual strength. Also illustrated in Figure 29 is the eftect of fastener spacing on fast-fracture crack length
in the vicinity of the broken central stiffener. A decrease in rivet spacing causes a decrease in fast-fracture crack length. This is due to
higher fastener loads at the broken central stiffener when rivet spacing is small, causing higher crack-tip stress-intensity factors at short
crack lengths.

7.7 Effect of Fastener Stiffness

The effect of variations in fastener stiffness is determined from Cases 6, 21, and 22. Case 6 is for 3/16-inch aluminum rivets.
Case 21 is for 1/4-inch aluminum rivets, and Case 22 for 3/16-inch steel rivets. Results for Cases 21 and 22 are shown in Table 7. All of
these cases consider the stiffener area and spacing to be 0.2538 in.2 and 8.0 inches, respectively. The fastener spacing is 1.0 inch in
each case. Figure 30 shows residual strength for Cases 6 and 22. Case 21 lies between these two, and has been omitted for clarity. As
indicated by the figure, a slight loss in residual strength occurs with decreasing fastener stiffness.

8. SLOW STABLE CRACK GROWTH
8.1 Threshold of Slow Growth

Consider a panel made from a fairly ductile material such as 2024-T3 containing a center crack of half length a installed in a
tensile testing machine. If the load is gradually increased from zero, slow stable tearing will start to occur at some gross stress level prior
to reaching a failure stress. It has been shown that the onset of slow stable growth is a function of past loading history and not merely
dependent on material.'? If the crack had been generated at a constant gross stress ¢. then slow stable growth will start when reloaded
to a value of o. It has been hypothesized that slow stable growth starts when the residual compressive stress at the crack tip, created by
the plastic zone from a previous cycle, is completely eliminated.'®) Consider Figure 31a, where a high load cycle A has been applied.
followed by constant amplitude cycles. Slow, stable crack growth will start to occur in cycle B when the plastic zone boundary ahead of
the crack tip matches the boundary created by cycle A; that is, slow, stable growth will start at a stress intensity factor K, obtained
from

2 ,
AR 1 [ Ka
a, + b "_ys) =8t _21(5'_; (44)
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where

a_ is the current half crack length

a, is crack half length at previous high load
K, is stress intensity at previous high load
Oy ¢ i material yield strength

This equation of course assumes the classical plastic zone size for plane stress conditions.
Let Kg; be the stress intensity factor at the threshold of slow stable crack growth on the high load cycle B. Then, to satisfy
Equation (44)

Kgg = 0ysV/ 27la, - a_ + 1/20(K, /o 5)?] “45)
The stress intensity factor range from the point at which slow, stable growth starts to the peak of the cycle is given by

(8K), =Ky - K

B SG

Figure 31b gives crack extension Aa as a function of (AK), and K for 2024-T3 sheet.(?)

8.2 Effect of Slow, Stable Growth on Residual Strength Diagram

Consider Figure 32. The skin fracture curve x was calculated using the direct finite-element approach described in Section 3. The
case considered was a two-bay crack with broken central stiffener. The skin materia) was 2024-T3, 0.071-inch thick, having K . value of
192.43 ksi \/7In. The stiffeners were shaped as a “Hat™ Section with a gross area of 0.312 in.2 Curve Y is plotted using the same f values
but with Kg, = 57 ksiy/in. This value of Ky is the lowest value observed during test.

Consider the hypothetical case where the crack had been propagated at a gross constant amplitude maximum stress of 20.4 ksi to a
half crack length of 1.5 inches. On increasing the gross stress level, slow growth will start at 20.4 ksi (as shown by point A of
Figure 32) and follow curve AB (obtained using data from Figure 31b) until point B is reached, where fast fracture will occur. If, on the
other hand, the previous maximum constant amplitude stress was 32.0 ksi, the slow growth would not start until 32.0 ksi had been
reached at point C in Figure 32 and would follow curve D. This hypothesis is substantiated to some extent by the results of testing the
panel described. A crack had been propagated to a half length of 2.69 inches at a maximum gross stress of 22.0 ksi. Static load was
gradually applied from zero and slow crack growth started to occur at 23.32 ksi shown by point G in Figure 32. Theoretically, to satisfy
Equations (44) and (45), slow growth should have occurred at 22 ksi at point E, but the error is small. It did not, however, start at E on
curve Y which was plotted using the lowest observable K¢ ; . Slow growth continued as the gross stress was increased (as shown by test
points in Figure 32) until at point H, fast fracture occurred and the crack was arrested at point I. Curve Y, then, is not entirely
material-dependent but is based on a value of Kg, which depends on the load history used to generate the fatigue crack.

9. EFFECTS OF PLASTICITY
9.1 Fastener Plasticity

Fastener failure as a criterion for panel failure was described in Section 2.3 and illustrated in Figure 8c. Testing experience on
conventional structure has shown that this mode of failure is not a problem when skin fracture toughness is below about 100 ksi/in.
Even though elastic analysis may show the panel to be critical for first fastener criteria, as illustrated by Figure 8c, the first rivet usualiy
will yield without too much effect on the crack-tip stress-intensity factor. However, when fracture toughness values are high, resuiting
in high allowable stresses as in the case of 2024-T3 material, panel failure may be precipitated by rivet failure.

Although this paper has been confined to analysis, the rivet failure phenomenon can best be described by referring to a test. Figure
33a shows a stiffened panel containing a two-bay skin crack extending beyond the intact stiffeners adjacent to a broken central
stiffener. The panel was made from 2024-T3 skin, 0.071 inch thick, with 7075-T6 Hat Section stiffeners spaced 8 inches on center with
a cross-sectional area of 0.5471 square inch. The crack had propagated beyond the intact stiffeners by cyclic loading. Static loading was
applied in increments and failure occurred at 39.74 ksi gross area stress with a half crack length of 9.88 inches. Inspection of the failed
parts revealed that the fasteners in the two adjacent stiffeners had failed over their entire length, indicating that failure was precipitated
by fastener failure.

Elastic analysis was performed using the displacement compatibility approach described in Section 5. The results of this analysis
are plotted in the form of a residual strength diagram in Figure 33b. The fracture toughness value K used for the diagram was 197.87
ksi/Tn. obtained from fast fracture of another panel having different stiffener area. In this case, elastic analysis using the displacement
compatibility approach was performed to obtain the critical stress intensity factor. The crack length at fast fracture was small enough so
that fastener yielding did not affect the K_ value. Figure 33b indicates that at the failure crack length of 9.88 inches, total panel failure
should have occurred due to rivet failure at a gross stress of 11.50 ksi. Failure stress due to stiffener and skin fracture are 32.58 ksi and
53.58 ksi, respectively. Since the panel failed at 39.74 ksi, the elastic analysis resulting in a simple residual strength curve similar to
Figure 33b is insufficient to accurately predict failure. Obviously, the first rivet yields, causing the next rivets to be overloaded until
they over yield. This yielding will occur until the first rivet reaches its failure displacement value. At this point, the crack-tip
stress-intensity factor increases due to loss in effectiveness of the stiffener caused by yielding and subsequent failure of the first rivet.
Panel failure will occur only then if the increase in crack-tip stress-intensity factor is sufficient to reach a critical value. If this is not the
case, further increase in load will be required to cause total failure.

The displacement compatibility analytical approach was modified to account for fastener yielding. Any other method such as the
finite-element method would not be economically feasible due to high costs of iterating the solution. Load displacement tests were
conducted on simple lap splices placed back-to-back to cancel out bending. Correct materials and thicknesses were used. The resulting
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load displacement curve was simulated by a trielastic model shown in Figure 34. The computer program was also modified to include
the capability to disconnect rivets. An elastic solution is first obtained and each rivet load compared to the elastic-plastic model to
determine its appropriate flexibility, depending on which leg of the curve is consistent with the rivet load. The rivet flexibility matrix is
then regenerated and a second solution obtained. This procedure is automatically repeated until the crack-tip stress-intensity change
between iterations is less than a certain value. Figure 35 shows rivet displacement as a function of gross stress. The lower curve
represents the first rivet displacement. The next higher curve represents the sccond rivet after the first has been disconnected and so on.
It will be noticed that considerable difference exists between the elastic and plastic solutions. When all rivets are intact, yielding first
starts to occur at 6.808 ksi. The lines AB and EF represent the lower and upper bounds of rivet failure displacement, while line CD
represents the average of several tests. Figure 36 shows crack-tip stress-intensity factor as a function of gross stress for various numbers
of failed rivets. Again, considerable difference is indicated between elastic and plastic analyses. The vertical line AB represents the
critical stress intensity factor of 197.87 ksi/in. The vertical line CD represents a K . Vvalue of 215, used for illustration purposes later.
Figure 37 shows a cross plot of the intersection of line CD in Figure 35 with the rivet displacement curves. This curve is titled “Rivet
Failure Curve.” The intersection of line AB with the stress intensity lines of Figure 36 is plotted in Figure 37 and titled *‘Skin Fracture
Curve K. 197.87 ksi/in.” Also, the intersection of line CD with the stress intensity lines of Figure 36 is plotted in Figure 37 and titled
“Skin Fracture Curve K_ = 215 ksi/in.”

Figure 37 represents the residual strength diagram at a half crack length of 9.88 inches. To illustrate how this diagram works,
assume for a moment that the skin K value is 215 ksi/in. Load is increased sfowly and the first rivet, adjacent to the crack, fails at
point A. The panel allowable from the skin fracture standpoint immediately drops from point B to C. Total failure does not, however,
occur because the panel allowable based on second rivet failure has increased to point D since the rivet is farther away from the crack
and thus less critical. Also, the load level is still only at 39.5 ksi, represented by point E, and therefore lower than either C or D. If
loading is now increased, total panel failure will occur due to skin fast fracture at point C. Of course, as the skin crack rapidly extends
beyond the stable value of a = 9.88 inches, the rivet failure curve drops drastically. This results in all rivets failing as the crack extends.
For our panel in question, though, the fracture toughness was only 197.87 ksh/in. As soon as the first rivet fails at 39.5 ksi, represented
by point A, the skin fracture allowable drops from point F to point G, which is below the load existing on the panel. Instant failure
therefore occurs when the first rivet fails at 39.5 ksi. This value is less than | percent lower than the actual failure stress of 39.74 ksi.
Variation in rivet failure displacement represented by the lower bound line AB and the upper bound line EF of Figure 35 would give a
variation of panel failure between points G and F of Figure 37. The explanation for this is that at the lower bound point G of
Figure 35, failure of the first rivet would occur at 37.5 ksi. This is lower than point G in Figure 37 so that load could further be
increased to 39 ksi, represented by point G of Figure 37. Consider the upper bound point H of Figure 35 where the first rivet would fail
at 42 ksi. In this case, the panel failure stress would be limited to 41 ksi, represented by point F of Figure 37. This, then, represents a
spread between 39 and 41 ksi equivalent to minus 1.86 and plus 3.17 percent of the actual failure stress.

9.2 Stiffener Plasticity

For conventional aircraft structures in the basic wing or fuselage, the effects of stiffener plasticity may not be a problem. Usuaily,
the panel strength, for the types of damage considered, will be limited by the rivet or skin fracture strength, as in the case described in
Section 9.1. In the case of a higher-strength fastening system, however, such as steel HiLoks or adhesive bonding, stiffener plasticity can
play an important role.

Again, the stiffener plasticity phenomenon can best be described by referring to a residual strength panel test. Figure 38 shows a
2024-T3 panel containing a center crack which has been propagated beyond two adhesively bonded Z-section 7075-T6 stiffeners. Static
loading was applied to the panel, and failure occurred at a gross area stress of 30.6 ksi with a half crack length of 8.2 inches. During the
failure process, the stiffeners became completely disbonded from the panel and were permanently deformed in the vicinity of the skin
crack without themselves failing. Elastic analysis of this test pane) had predicted gross failure stress levels of 17.07, 22.77, and 51.86 ksi
for adhesive, stiffener, and skin fracture criteria, respectively. The normal procedure would have been to use the lower figure for an
allowable, but in fact the panel failure stress was almost double the value.

A computer program was developed, based on the displacement compatibility approach. Details of this development are contained
in the literature..!®) The adhesive was divided into a discrete number of segments as illustrated in Figure 39. Nonlinear shear distortion
of the adhesive, obtained by napkin ring torsion tests, was simulated by the trielastic-plastic model shown in Figure 40a. The stress
strain behavior of the stiffener material was also simulated by a trielastic-plastic model shown in Figure 40b. Figure 41 shows the
resulting adhesive strain as a function of gross area stress for different degrees of adhesive disbond. The vertical line AB represents the
average failure strain of the adhesive and lines DE and FG represent the lower and upper scatter band for adhesive failure strain. Figure
42 shows crack-tip stress-intensity factor as a function of gross area stress for different amounts of adhesive disbond. Line AB is the
critical stress intensity factor obtained from unstiffened paneis having the same width as this panel. Figure 43 shows stiffener strain as a
function of gross area stress for different amounts of adhesive disbond. The line AB represents the failure strain for 7075-T6 extruded
material.

Consider the adhesive strain curve of Figure 41 for all adhesive intact. As loading on the panel is increased, the adhesive starts to
yeild at about 10-ksi gross area stress. Loading is further increased and adhesive disbond starts to occur at point C, assuming average
failure strain values. The points defined by the intersection of line AB with the adhesive strain lines can be cross plotted, giving a curve
of gross stress versus amount of adhesive failed. This curve is shown as line ABFC in Figure 44. Similarly, the points defined by the
intersection of line AB with the stress intensity factor lines can be cross plotted, giving a curve of gross stress at skin fracture for
different amounts of adhesive disbond. This line is shown as curve DGE in Figure 44. The intersection of these two lines gives the panel
allowable stress. Further explanation of the residual strength diagram given in Figure 44 is as follows. Loading is increased from zero
and adhesive yielding starts to occur at about 10 ksi as shown in Figure 41. Loading is further increased and adhesive disbond occurs at
point A and rapidly extends to point B without further increase in load. Load is again increased to point F, causing slow adhesive
disbond. At this point, the stiffener is losing effectivity and has caused the panel allowable from a skin fracture point of view to drop
from D to G. Further increase in load causes additional disbond and final failure occurs at 30.6 ksi, which correlates exactly with the
test. If, however, the average failure properties of the adhesive are used, the stiffener will not yield, as shown by point H in Figure 41
being beyond point C. If the adhesive failure strain is increased slightly, as indicated by line LM, passing through point H in Figure 41
and well within the scatter band of lines DE and FG, the panel allowable increases only by 0.1 ksi to 30.7 ksi. This would cause
permanent deformation of the stiffener, which did result during the test. If the analysis is repeated using the lower and upper bounds of
adhesive failure strain, the predicted allowable would change to plus or minus 3 percent of the failure gross stress obtained in the test. It
is indicated by points H, 1, J, and K in Figure 41 that as soon as the stiffener yields, the adhesive no longer transfers load. This is also
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reflected in Figure 43 which shows considerable reduction in stiffener strain as soon as the adhesive starts to disbond. Figure 43 also
indicates that the stiffener failure strain is never reached due to adhesive disbond. This is also reflected in the test, which results in
stiffener yielding near the skin crack but no failure.
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TABLE 1

CRACK TIP AND STIFFENER STRESSES FOR EXAMPLE PROBLEM
USING DIRECT FINITE METHOD

SRACK STIFFENER | STIFFENER|FASTENER
CRACK ] R F F
LENGTH "",‘:"T';L"- 37:,:';‘5":_5" OUTER INNER | PANEL
a CAP CAP SHEAR
(IN.) Oyct Yyet g STRESS STRESS FLOW
° 2.269 1.064 1097 | 0.00024
15 1868 2734 | 14652 1.094 1119 | 0.00030
26 2.291 313 | 13888 1132 1151 | 0.00038
s 2.663 3417 | 12831 1.189 1193 | 0.00045
45 3.000 3660 | 12164 127 1246 | 0.00080
55 3.342 383 [ 11478 1304 1306 | 0.00100
65 3.670 389 | 1.0616 1,591 1372 | 0.00287
15 3.996 3556 | 0.8899 1.965 1432 | 001447
8s 4.307 307 | 07008 2637 1488 | 007496
95 4.085 2686 | 06575 3.043 1465 | 0.10148

STRESSES QUOTED ARE FOR UNIT-APPLIED GROSS AREA STRESS.




TABLE 2

RESULTS OF PARAMETRIC STUDY,

STIFFENER SPACING 6.0 INCHES

4 CASE 1: STIFF. AREA 0.189 N2 CASE 2: STIFF AREA 0.2538 IN2
a
(IN.) 8 SCFO SCFI 8 SCFO SCFI
0.1875 1.5900 1.0356 1.0350 1.7763 1.0445 1.0440
0.3750 1.5509 1.0375 1.0366 17253 1.0465 1.0457
0.5625 1.5014 1.0405 1.0390 1.6608 1.0497 1.0483
0.7500 1.4524 1.0444 1.0422 1.5968 1.0538 1.0517
1.500 13133 1.0693 1.0614 14145 1.0792 1.0716
2.250 1.2365 1.1094 1.0895 1.3130 1.1189 1.1001
3.000 1.1847 1.1693 1.1256 1.2445 1.1768 1.1361
3.750 1.1423 1.2587 1.1678 1.1887 1.2613 1.1780
4.500 1.1003 1.3965 12129 1.1341 1.3882 1.2231
5.260 1.0452 1.6258 1.2518 1.0646 1.5926 1.2637
6.000 0.9318 20272 1.2630 0.9298 1.9355 1.2828
6.750 0.8052 2.5085 1.2496 0.7863 2.3290 1.2816
7.500 0.7611 2.9060 1.2455 0.7374 2.6461 1.2865
8.250 0.7453 3.2373 1.2538 0.7203 2.9079 1.3004
CASE 3: STIFF. AREA 0.3788 IN.2 CASE 2: STIFF. AREA 0.4113 IN.2
a
{IN.) B SCFO SCFI B SCFO SCFI

0.1875 21017 1.0592 1.0592 2.1899 1.0623 1.0624
0.3750 2.0312 1.0613 1.0610 2.1139 1.0645 1.0643
0.5626 1.9419 1.0647 1.0637 20174 1.0679 1.0671
0.7500 1.8530 1.0691 1.0673 1.9215 1.0723 1.0710
1500 15977 1.0948 1.0876 1.6458 1.0082 10914
2.250 1.4537 1.1336 1.1156 1.4901 1.1368 1.1194
3.000 1.3557 1.1886 1.1496 1.3843 1.1910 1.1536
3.750 1.2763 1.2664 1.1881 1.2987 1.2672 1.1921
4,500 1.1999 1.3800 12278 1.2166 13773 1.2319
5.250 1.1071 1.6563 1.2610 1.1176 1.5464 1.2661
6.000 0.9421 1.8380 12713 0.9449 1.8131 1.2796
6.750 0.7765 2.1460 1.2630 0.7737 2.1010 1.2755
7.500 0.7203 2.3873 1.2611 0.7158 2.3250 1.2768
8.250 0.7001 25838 12679 0.6951 2.5069 1.2865

SCFI

NEAR THE SKIN

= STIFFENER STRESS CONCENTRATION FACTOR AT INNER FIBER

SCFO = STIFFENER STRESS CONCENTRATION FACTOR AT OUTER FIBER
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TABLE 3 | -
k RESULTS OF PARAMETRIC STUDY 5
STIFFENER SPACING 8.0 INCHES i
b | 1
CASE 5: STIFF. AREA 0.189 IN.2 CASE 6: STIFF. AREA 0.2538 IN.?
a
(IN.) [ SCFO SCFI g SCFO SCFI
0.250 15824 1.0232 1.0267 1.7679 1.0291 1.033%
0.500 15219 1.0251 1.0288 1.6889 1.0311 1.0367
0.750 1.4563 1.0279 1.0320 1.6033 1.0342 1.0391
1.000 1.3999 1.0317 1.0362 1.5297 1.0382 1.043%
2.000 1.2667 1.0652 1.0612 1.3529 1.0623 1.0691
3.000 1.1982 1.0939 1.0991 1.2638 1.1008 1.1068
4.000 1.1836 1.1635 1.1494 1.2043 1.1588 1.1562 {
5.000 1.1167 1.2457 1.2113 1.1558 1.2467 1.2165 . Y
6.000 1.0794 1.3956 1.2816 1107 1.3858 1.2849 | 3
7.000 1.0285 1.6646 13489 1.0426 1.6271 1.3523
8.000 0.9029 2.2156 1.3742 0.8940 2.0968 1.3872 ! 3
9.000 0.7618 2.9031 1.3566 0.7360 2.6526 1.3860 i
10.000 0.7288 3.4266 1.3587 0.7000 3.0656 1.3984
11.000 0.7197 3.8506 1.3811 0.6907 3.3972 1.42720
1
CASE 7: STIFF. AREA 0.3788 IN.2 CASE 8: STIFF. AREA 0.4113 IN.2
a
(IN.) B SCFO SCFI [} SCFO SCF\
0.250 2.0942 1.0389 1.0453 21827 1.0411 1.0477
0.500 1.9848 1.0412 1.0477 2.0647 1.0434 1.0502
0.750 1.8659 1.0444 1.0513 1.9363 1.0467 1.0639
1.000 1.7631 1.0487 1.0569 1.8254 1.0510 1.0585
2.000 15138 1.0732 1.0819 1.5660 1.0767 1.0847 P
3.000 1.3859 1.1108 1.1188 1.7 11133 19218
4.000 1.3004 1.1659 1.1658 1.3262 11677 1.1682
6.000 1.2309 1.2472 12218 1.2601 1.2475 1.2234
6.000 1.1622 13723 1.2826 1.1763 1.3691 1.2842
7.000 1.0754 1.5810 1330 1.0837 1.5696 1.3412
8.000 0.8947 1.9646 1.3610 0.8949 1.9325 1.3670
9,000 0.2183 2.3928 1.3498 0.7102 23312 13617
10.000 0.6744 2.7017 1.3633 0.6682 26170 1.3688 { 3
11.000 0.6635 2.9467 1.3699 0.6571 2.8432 1.3874 3
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TABLE 4

RESULTS OF PARAMETRIC STUDY,
STIFFENER SPACING 10.0 INCHES

1 CASE 9: STIFF. AREA 0.189 IN.2 CASE 10: STIFF. AREA 0.2538 IN.2
| (IN) 8 SCFO SCFI B SCFO SCFI
03125 | 15710 1.0157 1.0205 17537 .| 10197 1.0256
0.6250 1.4902 10175 1.0229 1.6484 1.0217 1.0281
0.9375 1.4150 1.0201 1.0265 1.5500 1.0245 1.0319
12500 | 1.3573 1.0236 10312 14743 1.0282 1.0369
25000 | 1.2321 1.0456 1.0601 1.3091 1.0508 1.0656
37500 | 1.1721 1.0823 1.1049 1.2295 1.0874 1.1101
5.0000 | 1.1326 1.1402 1.1664 11172 1.1439 1.1699
6.2500 1.0999 1.2324 1.2452 1.1340 1.2323 1.2459
75000 | 1.0661 1.3884 1.3393 1.0900 1.3780 1.3365
8.7500 1.0183 1.6858 14369 1.0291 1.6465 1.4320
10.0000 | 0.8833 23818 1.4803 0.8697 2.23%4 1.4862
11.2500 | 07332 3.2821 14574 0.7030 2.9609 1.4859
125000 | 0.7089 39242 14714 081 34634 15109
13.7500 | 0.7045 4.4342 15114 0.6733 3.8507 1.5548
] CASE 11: STIFF. AREA 0.3788 IN.2 CASE 12: STIFF. AREA 0.4113 IN.2
(IN.) 8 SCFO SCFI 8 SCFO SCFI
03125 | 2.0766 1.0265 1.0346 2.1643 1.0281 1.0364
0.6250 1.9305 1.0286 1.0374 2.0066 1.0302 1.0393
0.9375 1.7936 1.0317 1.0415 1.8587 1.0333 1.0434
1.2500 1.6874 1.0356 1.0466 1.7441 1.0373 1.0486
25000 | 1.4530 1.0584 1.0760 1.4906 1.0603 1.0781
37500 | 1.3384 1.0941 1.1191 1.3665 1.0959 1.1208
50000 | 1.2625 11477 1.1759 1.2845 1.1491 11770
6.2500 | 1.2002 1.2295 1.2464 12172 1.2295 1.2467
7.5000 11374 1.3610 13279 1.1497 1.3575 13212
8.7500 | 1.0852 1.5939 1.4094 1.0620 1.5817 1.4085
10.0000 | 0.8624 2.0764 1.4459 0.8608 2.0379 1.4494
11.2500 | 0.6754 26254 1.4825 0.6688 25477 14436
125000 | 0.6462 2.9966 1.4439 0.6390 2.8903 1.4589
13.7500 | 06418 3.2859 14727 0.6346 3.1568 1.4895
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TABLE §

RESULTS OF PARAMETRIC STUDY,
STIFFENER SPACING 12.0 INCHES

CASE 13: STIFF. AREA 0.189 IN.2

CASE 14: STIFF. AREA 0.2638 IN.2

a
(IN.) g SCFO SCFI| [ SCFO SCFI
0.375 1.5671 1.0110 1.0168 1.7360 1.0138 1.0197
0.750 1.4592 1.0126 1.0183 1.6082 1.0156 1.0224
11286 1.3795 1.0151 1.0222 1.5039 1.0183 1.0264
1.500 1.3230 1.0183 1.0272 14297 1.0217 1.0316
3.000 1.2070 1.0388 1.0681 1.2762 1.0427 1.0624
4.500 1.1529 1.0737 1.1074 1.2044 1.0774 1.1106
6.000 1178 1.1294 11772 1.1674 1.1319 1.1780
7.500 1.0880 1.2202 1.2699 1.1184 1.2192 1.2670
9.000 1.0568 1.3788 1.3859 1.0776 1.3682 1.3780
10.000 1.0115 1.6968 15144 1.0199 1.6568 1.6020
12.000 0.8690 25324 15796 0.8519 2.368€ 15786
13.500 0.7133 3.6489 1.5636 0.6801 3.2675 1.56804
15.000 0.6957 4.4038 1.6822 0.6621 3.8447 1.6196
16.500 0.6948 4.9953 1.6425 0.6623 4.3018 1.6821
. CASE 16: STIFF. AREA 0.3788 IN.2 CASE 16: STIFF. AREA 0.4113 IN.2
(IN.) B SCFO SCFI [} I SCFO SCFI
0.375 2.0532 1.0185 1.0266 21393 1.0196 1.0279
0.750 1.8757 1.0206 1.0296 1.8477 1.0216 1.0310
1126 1.7300 1.0233 1.0338 1.7904 1.0246 1.0383
1.500 1.6265 1.0269 1.0392 16774 1.0282 1.0407
3.000 1.4068 1.0480 1.0702 1.4408 1.0495 1.0717
4.500 1.3028 1.0816 11170 1.3282 1.0831 1.1181
6.000 1.2344 1.1332 1181 1.2642 1.1342 1.1812
7.500 11778 1.2142 1.2637 1.1931 1.2139 1.2626
9.000 1.1197 1.3488 1.3640 1.1306 1.3452 1.3613
10.500 1.0413 1.6999 1.4709 1.0470 1.6874 14673
12.000 0.8385 21777 1.65248 0.8356 2.1336 1.5259
13.500 0.6477 2.8475 1.6102 0.6400 2.76541 1.5206
15.000 0.6276 32m 16317 0.6197 3.1498 1.5460
16.500 0.6281 3.6077 1.6745 0.6205 3.4539 1.5901




TABLE 6

EFFECTS OF RIVET SPACING

X CASE 17: RIVET SPACING 0.5 IN. CASE 18: RIVET SPACING 1.0 IN.
(IN.) 8 SCFO SCFI /i SCFO SCFI
0.25 2.1906 1.0194 1.0095 1.7679 1.0291 1.0335
0.50 1.9331 1.0218 1.0107 1.6889 1.0311 1.0357
0.75 1.7613 1.0252 1.0126 1.6033 1.0342 1.0391
1.00 1.6489 1.0294 1.0147 1.5297 1.0382 1.0435
2.00 14271 1.0542 1.0277 1.3529 1.0623 1.0691
3.00 1.3247 1.0940 1.0477 1.2635 1.1008 1.1068
4.00 1.2668 1.1549 1.0760 1.2043 1.1588 1.1562
5.00 1.2005 1.2498 1.1131 1.1558 1.2467 1.2165
6.00 1.1430 1.4058 1.1577 1.1071 1.3858 1.2849
7.00 1.0655 1.6938 1.1992 1.0426 1.6271 1.3523
8.00 0.8338 2.3808 1.1793 0.8940 2.0968 1.3872
9.00 0.6264 3.1463 1.1089 0.7360 2.6526 1.3860

10.00 0.6189 3.6152 1.0865 0.7000 3.0656 1.3994
11.00 0.6267 3.9822 1.0846 0.6907 3.3972 1.4270
CASE 19: RIVET SPACING 1.5 IN. CASE 20: RIVET SPACING 2.0 IN.

a
(IN.) 8 SCFO SCFI g SCFO SCFI
0.25 1.5360 1.0389 1.0333 1.4461 1.0397 1.0366
0.50 1.5061 1.0408 1.0345 1.4308 1.0414 1.0377
0.75 1.4664 1.0438 1.0364 1.4087 1.0441 1.0394
1.00 1.4251 1.0478 1.0389 1.3829 1.0479 1.0418
2.00 1.2990 1.0732 1.0543 1.2862 1.0722 1.0565
3.00 1.2265 1.1143 1.0768 1.2201 1121 1.0785
4.00 11774 1.1754 1.1062 1.1732 11712 1.1065
5.00 11374 1.2660 14379 1.1346 1.2577 1.1390
6.00 1.0978 1.4042 11718 1.0963 1.3871 1.1732
7.00 1.0455 1.6302 1.1987 1.0471 1.5893 1.2032
8.00 0.9416 2.0091 1.2023 0.9645 1.8968 1.2196
9.00 0.8243 2.4609 1.1866 0.8727 2.2609 1.2240

10.00 0.7782 2.8467 1.1775 0.8229 2.5973 1.2208
11.00 0.7612 3.1732 1.1789 0.8001 2.8931 1.2421
STIFFENER AREA 0.2538 IN.2
STIFFENER SPACING 8.0 IN.

TABLE 7

EFFECTS OF FASTENER STIFFNESS

CASE 21: 1/4-IN. ALUM RIVETS

CASE 22: 3/16-IN. STEEL FASTENERS

a

(IN.) 8 SCFO SCF! 8 SCFO SCFt
0.25 1.7844 1.0291 1.0337 1.8062 1.0290 1.0338
0.50 1.7014 1.0312 1.0360 1.176 1.0312 1.0362
0.75 1.6119 1.0343 1.0394 1.6230 1.0344 1.0398
1.00 1.5365 1.0384 1.0439 1.6429 1.0385 1.0444
2.00 1.3543 1.0628 1.0699 1.3569 1.0633 1.0714
3.00 1.2637 1.1017 1.1083 1.2640 1.1027 1.1098
4.00 1.2040 1.1605 1.1683 1.2036 1.1622 1.1608
5.00 1.1651 1.2498 1.2193 1.1643 1.2632 1.2227
6.00 1.1059 13924 1.2883 1.1045 1.3998 1.2923
7.00 1.0402 1.6428 1.3553 1.0372 1.6617 1.3586
8.00 0.8842 21377 1.3864 0.8713 2.1901 1.3843
9.00 0.7196 27159 1.3793 0.6986 2.7967 1.3695

10.00 0.6860 3.1382 1.3887 0.6683 3.2299 1.3738

11.00 0.6789 34757 14133 0.6642 3.5740 1.3947

STIFFENER AREA 0.2538 IN.2

STIFFENER SPACING 8.0 IN.

FASTENER SPACING 1.0IN.
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FATIGUE CRACK GROWTH ANALYSIS
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David Broek
Battelle's Columbus Laboratories
505 King Avenue
Columbus, Ohio 43201

1. INTRODUCTION

Basically, damage tolerance means that (real or assumed) cracks do not grow, within a certain defined
period, to a size that would cause loss of the aircraft at a specified load. Damage-tolerance assessment
involves analysis of (1) fatigue and environmentally assisted growth of an initial flaw under the antici-
pated service loading and (2) residual strength characteristics of the cracked structure.

!
L In principle, present-day fracture mechanics and modern stress-analysis techniques permit the pre- “
| diction of residual strength characteristics of many structures. Techniques for dealing with random or
quasi-random service-load histories were recently proposed. The adequacy of these new techniques for
crack-growth predictions is the subject of this paper. Since the load spectrum and the stress history are
the most important ingredients of a crack growth analysis, the development of an adequate stress history
will be discussed extensively. £

2. RETARDATION MODELS ‘ |

2.1. Semiempirical Models i

A fatigue cycle preceded by a load of higher magnitude produces less crack propagation than it does
in the absence of the higher preload. This retardation phenomenon is usually attributed to a combination
of compressive residual stresses and crack closure due to residual stresses (e.g., References 1, 2).

At least five models have been proposed(a-” to treat retardation in a quantitative fashion. They .
have been discussed in detail in the literature.(2:8:9,10) None of the models has a solid physical basis,
and most are semiempirical, and contain one or more constants to be derived from variable-amplitude crack-

growth experiments.

The two best known models are by wheeler(s) and by Willenborg, et ll‘l‘), the essentials of which will
be briefly presented.

Wheeler introduces a crack-growth reduction factor, CP’

da
o8- Cp £, §%)
where £(4K) is the usual crack-growth function. The retardation factor, Cp, is given as (see Figure 1):
13 o r \R
C-(. +r91-.>_(s-1’1‘) U )
4 (] po i i
where rpt = current plastic zone in the ith cycle under consideration |
a = current crack size

! r__ = gize of the plastic zone generated by a previous overload

po
‘ a, = crack size at which that overload occurred
m = empirical constant (retardation exponent ),

At any given crack size, aj, only that previous overload is of importance for which s = a, + ro, (Figure 1)
is the largest, i.e., its plastic zone extends beyond the plastic zone of all previous overloads.

The size of the plastic zone is ]

K2 (4K)® K3 3
max,i i max,o |
- —-—-1— B —— X} - __.g_
“pt a0y, (1 - R) a0, ' Tpo a0y 3)

where Kmax is the maximum stress intensity in a given cycle, a = 27 for piane stress, and @ = 67" for plane
» strain. Since ag ™ aj, it does not make much difference which value is taken for o, because o cancels out

in Equation (2) if a5 = ay.

There is retardation as long as the current plastic zone size is contained within a previously generated
plastic zone. If rpq > (s - ay), the reduction factor, C,, is equal to one. The retarded crack-growth rate
can be determined from the baseline (constant amplitude) crack-growth rate as

@) e % ) : @

retarded 1linear

where (da/dN)q{ .qr follows from constant amplitude data.
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The Willenborg model makes use of an effective stress-intensity factor. The maximum stress intensity
in the ith cycle [Kmax,i = AKj/(1 - R)], is reduced to Knax,eff 88°

also,

(5)

Knlx,eff . Knlx, nax o V max 1

Knln,eff i Kmin 1 max o mnx i } ¥

in which the symbols are defined by Figure 1.

Since Kmax and Kgpin are reduced by the same amount, the overload does not change AK but causes only

a reduction of the cycle ratio, R, as long as Kpip eff > 0. When Kmin,eff < 0, it is set at zero. In
that case R = 0 and AK = K

max,eff’
The two models do not account for (a) the reduction of the retardation effect by negative overloads
and (b) the difference in retardation caused by single and multiple overloads. The crack-closure model
by Bell and Creager(7) attempts to overcome these shortcomings. It is based on a crack-rate equation
using an effective stress intensity, which is the difference between the applied stress intensity and the
stress intensity for crack closure. The latter is determined semiempirically. The final equation contains
several empirical constarts.

In essence, all retardation models require a cycle-by-cycle integration of crack growth. During the
1-th cycle at crack size aj, a stress range Aoy is applied. The stress intensity is AK; = BAoj/Maj. The
linear crack-growth rate follows from constant amplitude data as (da/dN)linear. Application of one of
the retardation models gives the retarded crack-growth rate (da/dN)perarded- This means that the crack
extends to

da\
=a +Aa=a, +1x (55’ 5 (6)
t+1 4 - N/rret:mrded

Then, AK1 1" BAo1 . l/ﬁal £1 9% that the process can be repeated for the next cycle.

Several computer routines for the integration of crack growth have been developed. The use of a
particular routine is largely a matter of personal choice, available facilities, and computational efficiency.

When properly programmed, the success of a computer routine depends primarily upon the retardation models and
very little on the integration scheme.

2.2. Comparison of Models

Reference 11 presents calculated crack-growth curves for a flight-by-flight fighter spectrum and a
comparison with experiments on central cracks, using a linear integration (no retardation), the Wheeler
model with various values of m, the Willenborg model, and the closure model. Most cases were done twice —
once with average crack-growth data and once with upper bound data (upper boundary of scatter band).
Examples of the results are presented in Figure 2 for a 7075-T73 aluminum alloy. Depending upon the model,
the baseline crack-growth data and the empirical constants used in the retardation model, practically any
answer can be arrived at. A linear computation can be just as far off as a Wheeler or Willenborg calcula-
tion.

It was checked(ll) whether disregard of the effect of negative loads by the Willenborg and Wheeler
models was of any consequence. Therefore, these models and the closure model were examined for cases with
and without GAG (ground-air-ground) cycles. The Wheeler and Willenborg models predict the same result for
both casei, however, in the cases considered there were few negative loads in the spectrum and the closure
model also gave predictions which were so close that the difference did not show in a plot.

Some models contain adjustable constants, the value of which can be varied by trial and error until
the predictions cover the test results. Once the computation is adjusted on the basis of a number of
spectrum crack-growth experiments, reasonable predictions can be made for other cases. The Wheeler model
and the closure model are preferable because they can be adjusted independent of baseline crack-growth data.
The Willenborg model can be adjusted only by selecting another set of crack-growth data. Since the baseline
crack-growth data comprise the only undisputable input to the predictions, the use of arbitrary data intro-
duces an unnecessary artificialicy. Of the two adjustable models, the Wheeler model is more attractive
because of its simplicity. Therefore, the Wheeler model was selected as the vehicle for further compari-
sons, in Reference 11, as discussed below.

The ratio of predicted and experimental crack-growth life is plotted as a function of the retardation
exponent in Figure 3 for spectrum tests on Ti-6A1-4V. This figure shows that m = 1.6 gives the best fit
for Ti-6A1-4V subjected to a fighter spectrum. A value of m = 1.4 was found for 7075-T73. Obviously, this
cannot be generalized to other types of spectra (e.g., gust) and other materials; but for such cases, m-
values can be determined in the same way. Since the data were for four different crack-growth intervals,
they indicate that the relative accuracy is independent of the interval.

When all Wheeler predictions made in Reference 11 are considered for both the aluminum and the titanium
alloy at the best values of m, the distribution shown in Figure 4 is obtained. The mean value is practically
equal to 1, the standard deviation is 0.13. These values should be kept in mind when judging the computed
curves, presented later, which are all based on m = 1.4 for 7075-T73 and m = 1.6 for Ti-6A1-4V. Retardation
factors are determined only by the largest previous plastic zone size. In other words, if the highest load
levels occur often enough, crack growth will be nearly lndependent of the load sequence. This was shown
experimentally by several investigators. For example, Schijve(l 2) ghowed that random loading gives
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essentially the same result as a low-high-low order of loads within a flight. Only large-block program
loading gives results with no bearing to service loading.

Figure 5 shows the sensitivity of computational results to block size. This case is the same as the
one shown in Figure 2. The curve labeled '"ordered mix" is the original curve using the exact test
sequence. In order to obtain the 100 flight low-high-low block, all load cycles for 100 flights combined
into one large 100 flight low-high-low block. The random mix was obtained simply by shuffling the deck of
punched cards with the load information.

Obviously, use of the 100-flight block would still be permissible for the computations. The total
crack-growth life is only 5 percent less than for the original ordered mix; this percentage is within the
general accuracy of the predictions. Crack growth in 100 flights was about 5 to 10 percent of the
instantaneous crack size throughout the larger part of the crack growth curve. If it is possible to
obtain useful test results with block sizes that cause crack increments of the order of 5 percent, then
similar step sizes can be used in the computations. It also means that the frequency of occurrence of
the highest load levels should be such that they appear in each block of this size, or during every 5 per-
cent increment in crack size. The advantage of the incremental crack-growth procedure is that it combines
all cycles of equal magnitude within the block. Since the crack size is assumed constant over the incre-
ment, the stress intensity will not change. Hence, each cycle will cause the same amount of growth. This
means that all n cycles of equal magnitude can be treated as one cycle to give:

= ,,%% ! n

There exist other possibilities for more efficient integration schemes. However, their use is largely
determined by the type of stress history that has to be integrated. For example, for a flight-by-flight
load history it is possible to then determine the crack extension per flight as

n

da _ ¢ <:a)

e aN ’ (8) !

dF =1 N 1
if there are n cycles in the flight. This is done for a number of crack sizes and for all the different |
flight types (e.g., missions) in the sequences. Then a diagram is constructed of da/dF versus a for each ! 3
flight type, which can be integrated on a flight-by-flight basis or on a crack-increment basis. E

The simplicity of the Wheeler model, relative accuracy, and permissible block size open possibilities
for simplified computations. For example, a semilinear analysis, presented in Reference 11, performs a
linear integration over 100-flight blocks, using Equation (7) and applies a retardation factor to the re- '
sulting crack growth curve from a comparison with an adjusted Wheeler calculation. This semilinear analysis
can be easily performed on a programmable pocket calculator. A large series of these semilinear calcula-
tions for flight-by-flight stress histories of various types on both 7075-T73 and Ti-6A1-4V. The results
are compared in Figure 6 with the actual Wheeler calculations for the same cases. As in the foregoing,
four different crack increments were considered. In most cases, the Wheeler result was almost exactly
reproduced for any of the m-values used. 1

Further couparlsons(lj) of predicted and actual crack growth are presented in Figures 7 and 8. It
appears that the accuracy depends strongly upon the spectrum, but in general reasonable predictions are
obtained with an adjusted retardation model, more so than with linear integration (curves labeled "Forman'"
in Figures 7 and 8). Although the linear integration is generally conservative because of the neglection
of retardation, the degree of conservatism can vary and is generally unknown.

3. STRESS HISTORIES

3.1. Exceedance Spectra

In order to predict the crack-growth behavior of an aircraft structure, the designer needs to know
the stress history. For a new design the stress history can only be estimated on the basis of measurements
made on existing aircraft systems. As pointed out in the previous sections, the stress history, or more
specifically the sequence of low and high stresses is of great influence on the predicted crack-growth life.
Not only the magnitude of the stresses is of significance, also the sequence in which they occur is of
importance. Measurements made on existing airplanes do give fairly accurate information as to the aircraft
loads, but the information on the sequence of loads is only rudimentary. Nevertheless, assumptions have to
be made regarding the stress history in order to enable crack-growth predictions. This section gives a
discussion of the problems involved.

The load information for an aircraft structure is usually in the form of an exceedance spectrum.
Typical exceedance spectra are given in Figure 9 for a transport wing, bomber wing, and fighter wing. The
ordinate can either be accelerations or stresses (in some cases gust velocities). The abscissa represents
the number of times a level on the vertical axis is exceeded. That is, in Figure 10(a) level A is exceeded
n, times; level B is exceeded n, times. This means that there will be n, - n, events of a load between
levels A and B. These loads wifl be lower than B, but higher than A. The exact magnitude of any one of
the n, -~ n, loads remains undetermined.
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Basically, there are an infinite number of load levels between A and B. However, there are only n, -
n, occurrences, which means that the number of load levels to be encountered is finite; not every arbitrary
load level will be experienced. As a consequence, the spectrum must be approximated by a finite number of
levels (as in Figure 10). The larger the number of levels the better the spectrum is approximated. The
smaller the number of levels the easier the crack growth analysis. Results of computations and test(11)
shown in Figure 11 show different approximations of the same spectrum. The curve labeled "Basic spectrum'
is for 212 levels, the curve labeled "coarse" is for 8 positive levels, whereas the curves in between are
for 12 positive levels (+ 5 negative). The results show that a number of 10 to 12 levels is adequate.
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Selection of the lowest level is of importance, because it determines the total number of cycles in
the crack-growth analysis. Within reasonable limits this lower truncation level has only a minor effect
on the outcome of the crack-growth life. Therefore that this level should be selected on the basis of
exceedances rather than on stresses. A number of 10° - 5 x 10° exceedings per 1000 flights seems reason-
able. The selection of the highest load level (clipping level) will be discussed later.

3.2. Conversion to Stresses

The load spectrum has to be converted into stress. Usually the following steps are involved:

¢ Missions are defined and broken up in different mission segments which are characterized
by altitude, airapeed, and aircraft weight.

® lLoad factor data are obtained for the various mission profiles.

® The load factor exceedance data are converted into external load exceedance data. In
principle this requires a systems analysis, accounting for speed, altitude weight, and
aircraft configuration in the various mission segments.

® A conversion into internal load and stress exceedance data can then be made. Formally,
this would require a detailed internal load and stress analysis for a given aircraft
configuration in a certain mission segment. . :

® The stress exceedance data for a mission are then approximated by a number of discrete
levels. The number of occurrences of each level is determined and the individual stress
cycles are put in a random or idealized sequence for each mission and flight.

Numerous variations and refinements of this process exist. The most common variation is that the
external load exceedance diagram for each mission is described by discrete levels. These discrete external
load levels are then converted into internal loads and stresses. Of course, each external load level will
result in a different stress for each different mission. As a consequence, if there are ten different
missions and the loed spectrum of each mission is discretized by ten levels, the final stress history con-
sists of 100 different stress levels. Further refinement is sometimes obtained by discretizing the load
exceedance data for each mission segment. If there are seven mission segments in each mission, the final
stress history consists of 700 different stress levels.

Another vartation involves a pairing of maximum and ~minimum stresses on a random basis such that the
stress ranges are of the right size and a fairly representative random sequence is obtained. However, to
some extent it defeats the use of mission segments, which imply a deterministic aspect of load sequence
within a mission. It may even defeat the deterministic aspect of the individual flights and landings.

The complexity of the procedure and of the stress history and the use of refined computer programs
suggest a high level of sophistication and accuracy. 1t is advisable however, to keep in mind the following
approximations and limitations:

(a) The primary input data, i.e., load factor data for missions and mission segments are a
projection, only, and are approximate.

(b) The conversion of load factor data into loads is also approximate, to varying degrees.
For gust loads, load analysis is based on some idealization of the gust; in the simplest
case this could be a single-degree-of-freedom response to a (l-cos) gust with some gust
alleviation factor. For maneuvers, a particular maneuver is assumed and the aircraft
equilibrium forces are then determined for that assumed maneuver. In addition, load
factors are often determined for symmetric gusts and symmetric maneuvers only, which
is another approximation.

(c) The mix of flights and missions, the random sequence, and the random pairing of positive
and negative loads is only an apparent randomness. It becomes deterministic when the
sequence is used in a test or computation. The actual aircraft will, of course, never
experience this 'representative'" sequence but may experience something similar.

(d) Even the loads associated with the deterministic events (e.g., landing and taxiing) in a
flight-by-flight history are often only roughly approximated, both in sequence and magnitude.

(e) The particular distribution of missions is only a basis for design. In all likelihood
only very few aircraft will be subjected to the same mission mix. Besides different
pilots will fly the same mission in a different manner.

3.3. 1he Requirements for the Stress History

From the foregoing, the question arises how elaborate a stress history for crack-growth analysis should

be. To some extent this depends upon the purpose of the crack growth analysis, which can be threefold:

(a) A rapid analysis tor preliminary design. Once the general outline of the aircraft is known
from aerodynaimic and performance requirements, the main airframe has to be roughly dimensioned.
It is determined whether a structure of adequate strength and durability can be built within
the confinements of the aerodynamic configuration and the weight constraints set by the
performance requirements. At this time, it is also necessary to check whether a structure
can be built compliant with adequate damage tolerance and whether it can be optimized with
regards to damage tolerance. During this design stage trade-off studies are made that must
lead to the optimum design with regard to cost, weight, and performance. Different design
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concepts and material selections will be evaluated. Configurations may still change
in this stage, thus the procedure may have to be repeated several times.

| Obviously, many crack growth computations will have to be made in this stage. Thus a

rapid crack growth scheme is required. Load spectra are only known approximately on

the basis of design-load-factors. No accurate stress analysis is available. As a

A consequence, there is no justification for a complicated crack growth scheme which
can cope with a complex flight-by-flight stress history. Yet the scheme should be
general, independent of material, spectrum type and design stress. In addition, it
should operate with a minimum of input data. Therefore, the computation should make
use of a general but reliable interaction model and of the simplest possible flight-
by-flight characterizatioa.

i (b) An accurate analysis to be used in the final design stage where structure and structural
details are being finalized and stress analysis is complete and accurate. In this scage 4

the structure must be shown to satisfy the imposed damage tolerance requirements as
related to crack growth life and residual strength. The analyses performed during the
final design are usually detailed and complex. Therefore, the crack analysis scheme
should also be permitted to have the level of complexity necessary for a reliable
result. However, the large number of crack growth analyses necessary for a complete
aircraft system may preclude the slow and costly use of cycle-by-cycle analyses.

(c) A parametric analysis procedure to be used for tail number tracking and fleet manage-
ment. The spectrum and flight-by-flight histories used during design are the standard
design cases. Actual usage of the airplanes may be substantially different. When
actual usage data become available, the behavior of possible cracks can be evaluated
on the basis of actual load experience. The growth of possible cracks can be tracked
and on this basis, management decisions can be made as to maintenance and inspection {
schemes for fndividual aircraft and the fleet (ensuring a high level of combat {
readiness), aircraft usage (assigning different usage to certain aircraft to extend ;
1ife or maintenance intervals), and retirement.

-
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The large number of aircraft, aircraft systems, and critical locations to be tracked
preciude the use of an favolved crack growth computation scheme. The method must |
permit easy determination of crack growth for different locations (stresses), aircraft g
usage (mission mix, spectrum variations, weight, etc.), and atrcraft components. This ;
system can be as simple as a set of parametric charts or it may involve an easy and
quick computation of a large number of cases.

&

It is unlikely that the parametric scheme will give absolute answers. Rather, it will provide relative
values if certain parameters change. Therefore, it will be necessary to do more involved computations for
a few control points. This more involved computation could be the one discussed above.

3.4, Derivation of a Simple Stress History

So far, the spectra considered were applicable primarily for airplane wings. Fin and stabilizer
experience a combined gust and maneuver spectrum that {s usually as complicated as that of the wing.
However, for both structures the ground-air-ground cycles are of little significance. The derivation of a
¥ stress history for these parts follows the same rules as for the wing. Parts with relatively simple spectra
are the flap structure components. These experience one cycle during takeoff, and one cycle during landing.
Maneuvering and gust cycles are superposed to them, but they are so small as compared to the primary load-
ing, that they can usually be neglected. Fuselage structures are subjected to torsional and bending loads
due to maneuvering and gust loads on the control surfaces, aerodynamic loads, and pressurization cycles.

The latter will be the only significant loading for many locations in the fuselage.

B~ s o

The foregoing discussions have shown the complexity of the stress history derivation, but it has
become clear also, that in many cases a relatively simple stress history will suffice for crack growth
analyses. The following paragraphs present a rationale for the development of such a history. It is
assumed that an exceedance diagram for load factors is available. Taking the 1-g stress level and assuming
all stress levels at a given location are proportional to g-level, the exceedance diagram can be converted
into a stress exceedance diagram by means of a proportionality factor.

Consider the stress exceedance spectrum for 1000 flights shown in Table 1. Instead of selecting stress
levels for the stepped approximation, it is much more efficient to build the steps by selecting exceedances.
Siace & large number of levels is not necessary in this stage, six levels were chosen in the example. The
procedure would remain the same if more levels were to be selected.

The exceedings in the example were taken at 10, 100, 1,000, 10,000, 100,000, and 500,000. Verticals
are raised at these numbers and the stepped approximation made. This leads to the positive excursion
levels, S, - Sy and the negative excursion levels, T, - Ty (Table 1). The stress levels and exceedances are
given in columns 1 and 2 of Table 1. Subtraction gives the aumber of occurrences in columa 3.

The highest stress level is likely to occur only once in the severest mission. Therefore, a missfon A
spectrum {s devised as in column 4 in which S; occurs oance and lower levels occur more frequently in
accordance with the shape of the total spectrum. In order to use all 10 occurrences of level S, it is ‘
necessary to have 10 missions A in 1000 flights. These 10 missions A will use the numbers of cycles given
in column 5. When the 10 wissions A are subtracted from the total number of occurrences in column 3, the
remaining load containment of the remaining 990 flights is as given in column 6.

The next severest mission is likely to have one cycle of level S,. Hence, the mission B spectrum in
column 7 can be constructed in the same way as the mission A spectrum. There remain 60 cycles of S,.
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Hence, mission B will occur 60 times in 1000 flights. The 60 missions B will use the cycles shown in
column 8, Therefore, the cycles remaining for the remaining 930 flights are as given in column 9.

Level S, will occur once in a mission C, which is constructed in column 10. There remain 570 cycles
Sy, so that there will be 570 missions C. These will use the cycles given in column 11. The remaining
cycles are given in column 12,

There will be 10 missions A, 60 missions B, and 570 missious C in 1000 flights. This means that there
remain 360 flights. Dividing the remaining cycles in column 12 by 360, a mission D spectrum is found auto-
matically as in column 13. Consequently, all cycles have been accounted for.

A mission mix has to be constructed now. With mission A occurring 10 times per 1000 flights, a 100-
mission block could be selected. However, a smaller block would be more efficient. In the example, a 33-
mission block can be conceived as shown in Table 1. After 3 repetitions of this block (99 flights) one
mission A is applied.

The cycles in each mission are ordered in a low-high-low sequence, which is permissible as was dis-
cussed earlier. The negative excursion T, - Ty are accounted for by combining them with the positive
excursions of the same frequency of occurrence: T, forms a cycle with S,, T, with S,, etc. 1In this way
the range of a cycle is S-T, instead of S-mean stress, which is conservative.

Once a spectrum of this type is established, design trade-off studies are easy. Selecting different
materials or different design stress levels merely means an adjustment of the ordinate of the exceedance
diagram. The stress levels S, - Sq and T, - Tq can be determined and the flight-by-flight spectrum {is
ready (Table 1). Selection of a different design stress level results in a new set S, - Sg. This requires
only the exchange of a few cards in the computer program and the calculation can be rerua.

This shows the versatility of the spectrum derivation of Table 1. It is a result of choosing ex-
ceedings to arrive at the stepped approximation of the spectrum, which means that the cycle content is
always the same. Thus, the stress history once derived does not change. 1f stress levels had been
selected instead for the stepped approximation, a change in spectrum shape or stress levels would always
result in different cycle numbers. In that case, the whole procedure to arrive at the spectrum of Table 1
would have to be repeated and many more changes would have to be made to the computer program.

Of course, Table 1 i{s an example only. The spectrum could be approximated by more levels, more dif-
ferent missions could be designed, but the same procedure could still be used. However, in view of the
comparative nature of the calculations in the early design stage, many more levels or missions are not
really necessary.

Figure 12 shows an example of a stress history for a fighter spectrum, which was derived in much the
same manner as discussed above.

3.5. Standard Spectra

In a_cooperative effort betw?en Holland and Germany, standard spectra have been developed for
Elghtcrs(lb) and civil transports 15) to be used in design trade off-studies and testing. These spectra
are aiso adopted by Switzerland and England. A 4000 flights load history was generated for the transport,
whereas the fighter spectrum consists of a 200 flights history. The load histories are random, the ways
to convert to a stress history are given. Both spectra are more sophisticated than the one derived in
Table 1. They are available as card decks and on tapes to anyone, ready for use in calculations or as an
input to a testing system.

4. CLIPPING AND TRUNCATION

4.1. Clippi.g

Apart from the sequencing problems addressed in the previous sections, there is a sequence problem
associated with retardation. It was pointed out that sequencing of deterministic loads (GAG cycles) should
be done in accordance with service reality; probabilistic loads can be sequenced randomly, but a low-high-
low order per flight is acceptable.

The sequencing effect caused by retardation is largely dependent on the ratio between the highest and
lowest loads in the spectrum and their frequency of occurrence. As a result, it will depend upon specirum
shape. Compare, for example, the fighter spectrum with the transport spectrum in Figure 9. The relatively
few high loads in the transport spectrum may cause a more significant retardation effect. As a result,
their magnitude and the point at which they occur has a large effect on crack growth. In the fighter
spectrum, there are so many high loads that their exact magnitude and sequence becomes of less importance.

The selection of the highest loads in the load history is critical to obtain a reliable crack-growth
prediction. It is not realistic to include loads that occur less frequently than about 10 times in 1000
flights, because gsome aircraft in the fleet may never experience these high loads, so that including them
retardation would be dangerously unconservative. Therefore, the spectrum is clipped at 10 exceedings per
lifetime. No load cycles are omitted. Only those higher than the clipping level are reduced in magnitude

to the clipping level. The effect of clipping on retardation and crack-growth life was demonstrated in
experiments by Schljve(lz)

The question remains whether proper selection of a realistic clipping level is as critical for a
crack-growth prediction as it is for an experiment. In this respect, it is important to know which re-
tardation model is the most sensitive to clipping level, which may also depend upon spectrum shape. This
was checked by running crack-growth calculatfons for different clipping levels, different spectrum shapes,
and two retardation models (10,




Calculations were made for the four significantly different spectra, using the flight-by-flight
history developed in Table 1. The cycles in each flight were ordered in a low-high-low sequence. Crack-
growth curves were calculated using the clipping levels S,, S;, S,, and Sg in Table 1. The results for
all spectra are compiled in Figure 13. Test data for gust spectrum clipping(12) are also shown.

The figures allow the following observations:

® The two models give largely different crack-growth lives for all spectra, except C.
The differences are not systematic and since there are no test data for comparison,
the correct answers are not known. However, by changing the retardation exponent,
the Wheeler calculations could be adjusted to give the correct answer.

® With one exception the two models essentially predict the same trend with respect to
clipping levels. This shows that they both have equal capability to treat retardation,
i but the Wheeler model may have greater versatility for different spectrum shapes pro-
! vided the retardation exponent is adjusted.

® The steep fighter and bomber spectra are less sensitive to clipping level, since the
damage of the many high cycles outweighs their retardation effect.

® At low clipping levels the analysis attains more the character of a linear analysis.

e Bringing the clipping level down from 10 exceedances (top data points) to 100 exceed-
ances (second row of data points) reduces the life by about 10 perceant or less for all
spectra.

4.2, Truncation

Truncation of the lower load levels is important for the efficiency of crack-growth calculations.
Truncation is the cut off of the lower level of the stepped spectrum approximation at a given number of
cycles. The smaller this number, the fewer cycles will be included in the computations. This number is
sometimes taken very small. The argument is that low stress excursions do not contribute much to crack
growth, especially in view of the retardation effect.

Schijve(lz) presents experimental data regarding the effect of truncation. Although these data are
somewhat misleading, because truncation was not carried out properly — the lowest load levels of a com- b
plete stress history were simply omitted, without a correction of the stress history — they indicate that I
truncation is not very critical. Therefore, truncation levels are generally taken at approximatly i0°
exceedances per 1000 flights.

5. PREDICTIONS FOR PRACTICAL CASES 1

5.1. Spectrum Variations

In the early design stage there may still be uncertainty about the exact shape of the spectrum. Thus
design studies may have to be made to evaluate the effects of slight changes in the spectrum. Using the
stress history approximation procedure discussed in section 3.4, permits such a study through a simple
adjustment of the stress levels, so that the steps fit the new spectrum shape (note that some levels will
change more than others, but cycle numbers and history remain the same). The question is whether crack-
growth analysis will show the proper trends.

The effect of slight changes in spectrum shape was studied for a fighter spectrum(ll) using similar
but somewhat more refined procedures as in section 3.4. The Wheeler retardation model was used, which was
first properly adjusted as shown in Figures 3 and 4. The results are shown in Figures 14 and 15 for 7075-
T73, where they are compared with test data. Similar trends were observed for Ti-6A1-4V. Although the
differences in spectrum shape are small, they cause drastic differences in crack growth. Yet the computed
curves show very gocd agreement with the experiment, indicating that crack-growth analysis will produce the
proper trends. Obviously, this cannot be generalized for all types of spectrz, e.g., analysis of a gust
spectrum would require a readjustment of the Wheeler model.

Another spectrum variation is caused by a change in design stress level. In the design stage, a trade-
off study may be made to assess the effect of changing the design allowables, which would represent such a
case, Another example is that different points in a wing will be subjected to different stresses. Again,
using the simple tool presented in section 3.4, the assessment can easily be made (note that all stress
levels will n?T ge affected by the same factor, but the history and cycle numbers remain the same). Results
for this case(11) are shown in Figure 16. Once more, it can be concluded that the right trends are predicted.

5.2. Structural Variations

Accurate prediction of crack growth in center-cracked panels does not automatically ensure reliable
predictions of crack growth in complex structural geometries. Proof is required that the computational
schemes can be generalized.

The most common case of a structural crack is a crack at a hole. Two experiments were performed(ll) i
on 7075-T73 specimens 0.5-inch thick. One specimen contained two holes of 0.2-inch diameter, each hole
having a through-che-thickness crack at one side. The second specimen contained two holes of 0.5-inch
diameter, each with a single corner crack. Test data and computed crack-growth curves are shown in
Figure 17. The curves recult from semilinear analysis with the Bowie solution for a crack at a hole.

Admittedly, the evidence is only meager, but it seems that reasonable predictions can be made, provided
the proper stress intensity factor and properly adjusted crack integration scheme is used.
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6. RELIABILITY OF PREDICTIONS
The reliability of predictions depends on four factors:
(1) Integration models and computational schemes
(2) Material behavior
(3) Stress-intensity factors
(4) Spectrum generation.

Using a well-adjusted crack-growth model, experimental data can be predicted within about 30 percent
regardless of material and spectrum. This holds if changes are made to the spectrum, even if these changes
cause largely different crack growth behavior. Obviously, the use of a different type of spectrum requires
empirical readjustment of the retardation model.

Clearly, the discrepancies reflect both the inaccuracies of the computation model as well as the varia-
tions in material behavior. The discrepancy between a certain prediction and the test data need not always
be due to a wrong prediction. It can also be a result of erratic material behavior in the test. However,
the test data are always :onsidered unique when the accuracy of computed curves is examined. Thus, the
variations in material behavior are included in the percent of deviation.

Modern stress analyses with either analytical or finite-element techniques provide accurate stress-
intensity factors, and it seems safe to assume that the calculated stress intensity for a crack in complex
geometry will be within 10 percent. Assuming an average fourth-power dependence on K, the inaccuracies in
the stress-intensity factor may cause deviations of about 50 percent in the computed crack-growth curves.

These deviations are larger than those associated with the crack growth computation and material variability.

Establishing a spectrum for a new airplane is a difficult task, involving much guesswork. Yet the
spectrum shape is of paramount importance; a slight deviation in spectrum shape can easily cause a differ-
ence of a factor of 2 in crack-growth life, as can be seen in Figures 14 and 15. The conversion of the
load spectrum into a stress spectrum is also critical. An inaccuracy in the estimated stress level at a
given location can easily yield a difference of 50 percent in crack-growth life, as shown in Figure 16.

Thus, crack-growth predictions in the design stage could be a factor of 1.5 - 2 in error, due to in-
accuracies in the stress spectrum. This proves the significance of in-flight measurement of the stress
spectrum. All crack-growth calculations can be repeated with the actual flight spectrum and do not require
additional tests. Hence, crack-growth information can be updated reliably both during test flying and
later when service load information becomes available.

Only minor significance should be attached to the stress history (sequence) within one spectrum, as
long as loading is of the flight-by-flight type. It was also shown that a spectrum can be represented with
about 10 positive stress levels. Block sizes of 100 flights seem to be adequate.

In conclusion, it can be stated that crack-growth predictions are feasible. In particular, the com-
puted crack growth behavior shows the right trend for the effects of spectrum variation, design stress
level, and structural geometry. This is a very important achievement because it permits the conduction of
trade-off studies. Although the absolute crack growth lives found from computations may not be reliable,
the effects of changes in stress level and structural details can be evaluated in a relative sense by
simple means, so that optimization becomes possible.

Obviously, extreme caution should be exercized when using the predictions in an absolute sense,
because the actual number can be grossly in error. However, once again it is stressed that a substantial
part of the error is not due to the crack growth analyses per se, but a result of inaccuracies in spectrum

evaluation, stress analyses and of anomalous material behavior. Therefore, safety factors should be applied,

i1f the predictions are to be used in an absolute sense (safety factor application is discussed in the last
lecture). Moreover, extensive component testing and the full scale test should be employed to check the
adequacy of the analytical predictions. Such testing is still indispensable in proving that the structure
has adequate damage tolerance.
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TABLE 1. SIMPLE FLIGHT-BY-FLIGHT SPECTRUM FOR EARLY DESIGN ANALYSIS AND TRADE-OFF STUDIES
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DESIGN OF HEAVY SECTIONS

by

Dr.-Ing. Walter Schiitz

Industrieanlagen-Betriebsgesellschaft mbH
Einsteinstrage 20, 8012 Ottobrunn, Germany

1. INTRODUCTION

Most highly loaded heavy section airframe components are manufactured either from
plate or from forgings, the crack propagation and residual static strength properties of
which are therefore of interest to the designer, the certification authorities and the
operator.

If heavy section components are made from plate their final shape is obtained by
machining-intevrupting the grain flow. For many forgings the original shape is hardly
changed by machining. However, there may be differences in grain flow between individual
forgings.

One might intuitively expect both effects to lead to difficulties in predicting the
above materials properties and in a larger-than-normal scatter of these properties. In
the present paper the available fracture mechanics data of plate or forged aircraft
materials are reviewed; finally some qualitative suggestions and quantitative results
are given which, it is hoped will be of use to the designer of heavy sections.

2. FRACTURE MECHANICS FOR HEAVY SECTIONS

2.1 General Remarks

The structure of modern aircraft, especially military aircrafts, contains a large
number of heavy section components made from forgings or plates*). Such components usually
have a single load path, and were formerly designed to the "safe life" philosophy, more
recently to the "slow crack growth” philosophy. A failure of a single load path component
usually results in an accident.

Therefore it is especially important to be able to calculate residual static
strength and crack propagation properties of heavy sections using fracture mechanics pro-
cedures. In principle it should be easier to use these procedures for heavy sections
because

- the sections are thick enough for plane strain conditions and

- the formulae for the stress intensity factor K are simple
compared to those for typical differentially stiffened structures.

However, one might expect the materials properties to be a problem, because

- the thick sections of plates and forgings are not worked as uniformly as, for
example, thin sheets,

- the grain flow may be disturbed in forgings or disrupted in components
machined from plate and

- many heavy section components are large and are machined from large plates
or forgings, which may result in large differences of fracture toughness
properties even within one plate.

So it would appear that the problems of using fracture mechanics for typical heavy
section components come not so much from the fracture mechanics side, but from the
materials properties side. In other words, the difficulties lie not in the calculation
procedures, but in the input data - as in many other engineering problems and there might
be especially large differences in fracture toughness behaviour between specimens and
components.

A considerable amount of fracture toughness and crack propagation data can be found
in the literature (1 = 15)), However, these are mostly specimen data from standard ASTM
specimens (16) or center notched crack propagation specimens. Data on fracture toughness
or crack propagation tests on components are almost completely lacking - the author has
found only a few such programs (6, 17-19) - probably because of the enormous cost of such
components. In view of the problems mentioned above this is especially critical.

") an example of a thick section component from another field is a forged gun barrel.
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2.2 Fracture Toughness and Crack Propagation Data
Data available from the literature were evaluated as to the following para-
meters:

Mean fracture toughness E;: of forged or plate specimens
Scatter of fracture toughness

Crack propagation as above

Comparison of specimen data with component data.

The following qualitative results were obtained (for quantitative data some

figures are included):

Specimen data:

The mean fracture toughness of forgings is, if anything, higher than that of plate
material of nominally identical heat treatment and composition (1, 2, 3a, 9, 13),
This is true for aluminum, titanium and steel. (For a comparison between a
Ti6Al4V plate and a forging, see Figures 2 and 3).

If the forging procedure results in thorough working cf the material - as for
example with gun barrel forgings - extremely high fracture toughness is ob-
tainable (15)]

The scatter of fracture toughness of pléte and forging materials is not
significantlx different (see Part II for more detail). This is in contrast to the
MIL HDBK 5 (2),

The typical scatter of fracture toughness is lower for aluminum plate and forgings
than for titanium plate and forgings (for details see Part II).

If very extensive forging process control is used, as for titanium compressor disc
forgings (32), the mean fracture toughness will be high and the scatter very low,
compare Figures 2 and 3.

The same is true for so-called high-integrity forgings (5)of aluminum and titanium
and for the newer aluminum plates (3), see Figure 4.

The crack propagation properties of Ti6Al4V plate and forgings are similar, see
Figure 5.

Crack propagation retardation effects due to high loads in a load sequence are
smaller in plate and forging specimens than in thin sheets (7). This may be due to
the thickness, but in addition also to metallurgical differences.

Comparison between specimen and component data:
(These conclusions are based on only one test program with 7075-T6é forgings (16)) .

The fracture toughness of the complete forged component was higher in all three
locations than that of specimens taken out of the forgings at these locations.

The scatter of fracture toughness was much larger for the forgings than for the
specimens, see Figure 6. This scatter of the forgings could not be explained by
the usual metallographic procedures.

Nominally identical forgings with cracks of very similar dimensions can have
grossly different ultimate failing loads.

Crack propagation was considerably slower under a landing gear spectrum than
predicted by the Willenborg retardation model. In other test programs with sheet
or plate specimens the Willenborg model always gave unconservative results.

The scatter of

- fatigue life to failure as well as

- the crack initiation and

- the crack propagation period

was extremely large for the forgings under two realistic load sequences, see
Figure 7.

Forgings with a long fatigue life can have very short crack propagation periods
and vice versa.

The fracture surfaces and crack shapes in forgings may be highly irregular.

The residual static strength, fatigue life and crack propagation life of forgings
may be subject to an extremely large scatter, much larger than for sheet or plate
components. In order to attain equal probabilities of survival, larger safety
coefficients would therefore have to be observed for forgings than for sheet or
plate components.

For a fatigue test on a structure considering of forgings and of sheet and plate
components, there obviously exists a dilemma:

If the test is stopped at some multiple (say 4) of the required lifetime, the
demonstrated structural reliability (at leastin a statistical sense) is higher for
the sheet and plate components than for the forgings.

Even if an aircraft is manufactured in several countries, the important forgings
should come from one supplier only.
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- A long fatigue life of a forged component in test is no guarantee for a long crack
propagation period. This again has obvious implications for the full scale fatigue
test. Forgings are often used in internal structures and are therefore difficult to
inspect. Every effort should be made to improve NDI techniques for such applications.

- The application of fracture mechanics to aluminum forgings is difficult,to say at
least. This does not reflect so much on fracture mechanics itself, but results from
peculiar forging characteristics, like large scatter of properties even in one
location, much more so in different locations.

The following conclusion is based on another test program (19):

- The scatter of crack propagation rate may be much higher in integrally machined
panels than in simple specimens.
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TREATMENT OF SCATTER OF FRACTURE TOUGHNESS DATA
FOR DESIGN PURPOSES

by

Dr.-Ing. Walter Schiitz

Industrieanlagen-Betriebsgesellschaft mbH
EinsteinstraBe 20, 8012 Ottobrunn, Germany

1. INTRODUCTION

The numerical values used in fracture mechanics calculations (i.e. Kio, da/dN)
depend on material properties. Therefore they have an inherent scatter - like all material
data. For design purposes, this scatter must be accounted for either by "safety factors"
or by suitable statistical procedures.

The mathematical procedures as such are relatively simple and well known; it is,
however, a most difficult question which numerical values to use in such a calculation,
for example for the coefficient of variation of fracture toughness Kyc; this is so because
such numerical values are still very scarce, as they are much more digfieult and expensive
to determine than, for example, Fy,-values.

Also, fracture toughness may be much more sensitive to slight variations in heat
treatment than the normal mechanical properties; this may result in large differences of

fracture toughness between different heats of a nominally identical material. This may be
another reason why in most cases only "typical" values for Kyc are given in handbooks (1).

2. TREATMENT OF SCATTER IN FRACTURE MECHANICS CALCULATION

2.1 General Remarks

Numerical values of mechanical properties determined by tests cannot be used
directly for design purposes because that would imply a large percentage of failures:
They have to be lowered, that is a certain "safe" distance has to be kept between the
stress endured by the test specimen(s) and the stress allowable for design. Historically
this "safe" distance was obtained by a consensus of the parties concerned and called a
"safety factor". This factor was assumed to cover all eventualities so that practically
no failure would occur. Two examples are the factor of 1.5 against ultimate strength for
aircraftsand of 1.5 against yield strength for ships. This factor usually has to be kept
against the "book value" of the mechanical property concerned, which may be a minimum
value, as in the Federal Republic of Germany'’s Aircraft Materials Handbook (2) or, as in
the MIL-HDBK 5 (1), a statistical value assigned a certain probability with a certain
confidence.

In recent years the probabilistic approach has gained acceptance which recognises
that a certain probability of failure is inherent in any engineering structure and that
by proper use of statistics this probability can be calculated - in contrast to the safety
factor approach - and therefore kept at an acceptably low level.

However, it should be kept in mind that any statistical calculation requires as
input numerical constants - for example the coefficient of variation of Kyc - and there-
fore depends on the degree of accuracy of these input data and assumptions. In other words:
The real difficulties lie not so much in the mathematics of the problem, but in using
correct input data and in making the right assumptions - as in many other engineering
problems. In the end, even when a high-grade statistical treatment is employed, engineering
judgment will be decisive - as it was with the old "safety factor" approach. Therefore the
advantage of using a probabilistic approach is smaller than one would at first think.

Nevertheless in this paper some numerical values to be used as input data for
fracture toughness calculations will be suggested which in the author’s opinion can be
used for design purposes. They were collected from the literature and from IABG data.

Also some suggestions will be made as to other necessary assumptions, i.e. the re-
quired probabilities of survival, the kind of distribution to use, etc.

2.2 Necessary Input Data and Assumptions

Theoretically the mean, the scatter (standard deviation or coefficient of variation)
and the distribution are necessary to be able to calculate the necessary factor by which
the mean value must be reduced in order to arrive at the required probability of survival.
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The Distribution

The determination of the distribution requires an extremely large number of tests,
which will certainly not be available for fracture toughness data for a long time to come,
if ever. Therefore it is necessary to assume the distribution. Usually the Normal
distribution is used for strength of materials, for example for the tensile strength or the
fatigue strength *). For fatigue life on the other hand, the log-normal distribution is
often employed and will therefore be used in this paper for probabilistic crack propagation
calculations.

One disadvantage of the normal distribution is that for high probabilities of
survival very low allowable stresses are calculated if the scatter, i.e. the coefficient
of variation, was high. One example: The often-used "mean minus three sigma" value, corres-
ponding to a probability of survival of about 99.8 per cent is half as high as the mean
value for a coefficient of variation of .166. For still higher probabilities of survival
and coefficients of variation the allowable stress would become zero or even negative.

Therefore many statisticians have developed distributions which give a lower limit
at which the probability of survival reaches 100 per cent, for example the Weibull
distribution, the arc sin VP distribution developed by Rossow and co-workers(3) or a
distribution developed by the IABG (4). The latter results in a probability of survival
of 100 per cent at "mean minus 2.75 sigma" and will be used later for a special purpose.

However, in the region between 50 and 95 per cent probability of survival there is
no practical difference between any of the above distributions and for simplicity’s sake
the Normal distribution is therefore suggested as good enough for fracture toughness
calculations and will be used in this paper.

The Mean

The mean fracture toughness can be calculated as arithmetic mea? from a small number
of tests, say from two to three valid results, according to E-399-74 5). This is then

the mean of a (small) sample which has to be reduced to the mean of the population using
normal statistical procedures (®)}

In a strength of materials problem one always has to make the conservative assumption
that the mean of the population is lower than the mean of the sample. For this calculation
the coefficient of variation is necessary. Its numerical value should not be the one deter-
mined from the sample (even if it were large enough), rather it should be a "typical" or
even an "upper limit" coefficient of variation, see below, and section 3 and 4.

The Coefficient of Variation

If more than 4 fracture toughness tests are carried out on one heat of a material
for one specimen orientation, a statistical evaluation is possible and should be done
according to the formula

3m ~ 1
Pg = 3£_:_T + 100 (per cent),

where Pg : probability of survival
m : order number, where

1 2 highest fracture toughness of the series
n 2 lowest fracture toughness of the series

n : number of tests.

Plotting this on Normal probability paper will result in a more or less straight
line. From this the standard deviation G can be taken and the coefficient of variation v
calculated as

v e &

X
where X = arithmetic mean fracture toughness.
(Pg = 50 per cent).

This then is a measure of the scatter of the one heat of material tested, 4i.e. of the
sample. s

There is another kind of scatter between different heats of a nominally identical
material. If all the fracture toughness tests on different heats of a nominally identical
material in one specimen orientation are evaluated together, one is assuming the; belong
to one population. There are statistical procedures to test this assumption (6, 7).

Finally it must be recognized that the ASTM-standard method itself may have an
inherent scatter, probably due to its many requirements which will be met in varying
degrees in one test series. That is, even if a number of specimens of one sample actually
had identical fracture toughness, the results would certainly still show some scatter due
to the inherent weaknesses of the ASTM standard.

+) The well known staircase or up-and-down method assumes a Normal distribution for the
fatigue strength.
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3. NUMERICAL DATA FOR THE COEFFICIENT OF VARIATION OF FRACTURE TOUGHNESS AND
CRACK PROPAGATION

3.1 Procedure and Data for Kjyc

The literature known to the author (2, 8-23) was screened for test series with
five or more nominally identical specimens in one specimen orientation resulting in
valid ASTM-standard tests. Most data were obtained from the Damage Tolerant Design
Handbook, Part 1 (9), some test series with British alloys from (9a); a larger number
of suitable test series was also obtained from IABG reports (8, 13-15, 21-23). Each
serie was evaluated by computer, using the formula given above in section 2.2 and the
coefficient of variation was obtained. Some examples of these evaluation are given in
Figures 1, 2 and 4, which were taken from IABG tests, Figure 1 from (3), Figure 2 from
(15) ; (Figure 3 shows the forged compressor disc) and Figure 4 from (14).

The coefficients of variation (65 for aluminum alloys, 46 for titanium alloys
and 64 for steels) were then plotted against e&,specifying the following parameters:

- type of alloy (Ti 6-4, Ti 8~1-1 etc.)

- type of product (plate, forging etc.)

- specimen orientation

- miscellaneocus (temperature, corrosion etc.)

One example of such a plot is shown in Figure 5 for Ti-alloys.

It became apparent that none of these parameters influenced the coefficient of
variation within one class of materials, with one (well known) exception: D6AC steel
showed a larger-than-normal scatter. According to MIL-HDBK 5B data (1) Al-forgings have
a larger scatter (defined as minimum/maxim?m fracsure toughness) than Al-plate. However.
this cannot be confirmed from the data in (2 and 8-23)

Next the coefficients of variation were evaluated statistically for Al-, Ti- and
Fe-alloys according to the formula in Section 2.2, see Figures 6 - 8. However, the
23 test series for D6AC steel were evaluated separately, see Figure 9. In these statistical
evaluations the distrihution developed by the IABG (4) and mentioned above was used in
lieu of the Normal distribution

- Dbecause it results in a probability P_ = 0 at a coefficient of variation v > 0;
this is obviously a necessary requireﬁent, because zero scatter of fracture tough-
ness is physically impossible and

- because it gives a probability Ps = 100 per cent at a sensible coefficient of
variation.

In the following Table 1 the results of Figures 6 - 9 are condensed.

TABLE 1

Material Al-alloys Ti~alloys Steels D6AC
except D6AC

coefficient of variation v

at 50 0.03 0.05 0.0¢S 0.1
90 0.06 0.12 0.10 0.22
100 per cent probability 0.14 0.27 0.22 0.4
(4)

v = 0.14 at 100 per cent probability for Al-alloys means that using the assumed distribution
100 per cent of the test series had a lower coefficient of variation than 0.14; 0.05 at 50 per cent
probability for steels means that the fracture toughness of half of the steel test series had a lower
coefficient of variation than 0.05.

As can be seen from Table 1 the scatter of fracture toughness Kyc is lower for
Al-alloys than for Ti-alloys and steels. Table 1 also shows numerical values of the
coefficient of variation to be expected for the different classes of material and at
different probabilities.

Another important numerical value is the mean fracture toughnesslilc of different
heats of a certain alloy in a certain specimen orientation and its scatter. This was
obtained in two ways:

- All test series with five or more valid ASTM tests of one specific alloy and
specimen orientation were extracted from the literature and their arithmetic mean
fracture toughness Kic determined. These values were then evaluated statistically
using the formula given in Section 2.2. Some examples are shown in Figures 10 - 13.

- All the valid test results in (9) for one specific alloy and specimen orientation
were evaluated together, even if only one or two valid tests per heat were available.
The result is given in Figure 14 for 7050-T773651 (9) in the L-T-direction.
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Figures 10 - 14 show the mean fracture toughness to be expected from several heats of

one material, that is (at 50 per cent probability) its "typical" fracture toughness. They
also show the coefficient of variation to be expected between different heats of a material.
This coefficient of variation is again lower for the al-alloy than for Ti-~alloy, while

D6AC is highest.

3.2 Procedure and Data for K.

As there is no universally agreed method to determine K., it is not intended to
give numerical data here. However, should such a method be available some day, the pro-
cedures presented in Section 3.1 can also be used. It might even be possible to use the
numerical data shown in Section 3.1 for the coefficient of variation of fracture toughness
Kic also for K, because in the author’s opinion there is no valid reason why the scatter
should be different.

3.3 Procedure and Data for Crack Propagation

A somewhat similar picture exists with regard to crack propagation data: While for
Kc it was the lack of an agreed method, for crack propagation it is the lack of data which
makes it almost impossible to give reliable numerical values. This stcatement may need some
explanation in view of the very large amount of da/dN data which is available, for example,
from Part II of the Damage Tolerant Design Handbook (24) alone or from a large round
robin-program described in (25): All these data were determined unter constant stress
amplitudes and cannot be used to derive numerical values for the scatter of crack pro-
pagation data under realistic loading. (This is a well known fact from normal fatigue
testing). Therefore crack propagation tests under stochastically or deterministically
varying load sequences are necessary; for aircraft design purposes these would typically
be flight-by-flight sequences. Such data are available only in very limited numbers, even
if only three crack propagation tests per parameter were considered enough for a
statistical evaluation. To the author’s knowledge only IABG data are available
(11, 13, 26-29)fulfilling even this meagre requirement. Only two test series were carried
out on two different heats of a nominally identical material (13),
The IABG data are for actual forgings énot specimens) (11), for thin Ti6Al4V sheet
specimens (27), for thick 7075-T735) (28, 29)and Ti6Al4V (13, 29) plate specimens and for
thick steel specimens machined from bar stock (29). The specimens had center notch crack
starters. All these data were evaluated statistically. An example for 8 test series of
Ti6A14V sheet (27) is given in Figure 15, the complete data are condensed in Table 2.

TABLE 2
Coefficient of variation of log numbers number of J
Material of flights from a crack length of 5 mm test serie
to complete failure
minimum mean maximum
Ti6A14V sheet 0.008 0.02 0.046 8
Ti6A14V plate 0.028 0.07 0.11 5
7075-T7351 plate 0.02 0.04 0.07 9
300 M bar 0.11 0.12 0.13 2
7075-T6 forging (11) 0.27 0.30 0.32 2
(complete component!)

It appears that the coefficient of variation of log numbers of flight from a
crack length of 5 mm to complete failure

- 1is quite low for Ti6Al14V sheet specimens
- 1is higher for plate specimens than for sheet specimens
- 1is extremely high for the forgings.

4. RECOMMENDED VALUES OF FRACTURE TOUGHNESS PROPERTIES FOR DESIGN PURPOSES

4.1 General Remarks

When using the data described in section 3.1 (or similar specimen data) for the
the derivation of numerical fracture toughness values for the purpose of designing com=~
ponents, one implicitly assumes that the scatter of specimens fracture toughness is
identical with the scatter of the component fracture toughness.

This assumption is not always correct as was shown by the author in (11) (see the
Part I of this paper): Whereas the scatter of fracture toughness of standard ASTM specimens
taken from a forged component was quite normal, the scatter of the component fracture
o sssa such hicher.
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Nevertheless the above assumption must be made, otherwise one could not use specimen
data for the design of components.

For designing a component using probabilistic fracture mechanics the necessary
probability of survival must be selected according to engineering judgement. In strength
of materials problems often the "mean minus three sigma" value is used (2 Pg = 99.8 per
cent); in certain standards for fatigue of welded bridges the "mean minus two sigma”
value is employed, corresponding to 97,7 per cent probability of survival assuming a
Normal distribution. The author is aware of only one sug?estion of a similar nature for
fracture mechanics: Odorico showed in an AGARD paper ( that the Aerospatiale company
of France uses the "mean minus two sigma" fracture toughness for calculating critical
crack length etc. The other numerical values necessary, the mean fracture tou?hness K1c
and the standard deviation & are obtained in the following way according to (12); All
the available ASTM tests on one material in one condition and one specimen orientation
that is from several heats, are statistically evaluated together. As the various Al-
alloys have different scatter, different standard deviations are used.

4.2 Procedure and Numerical data for Kjc

In the present paper a slightly different procedure is proposed:

- the coefficient of variation is equal within one class of material, namely

- 0.06 for Al-alloys

- 0.12 for Ti-alloys for normal applications
- 0.10 for steels
- and
- 0.14 for Al-alloys
- 0.27 for Ti-alloys for critical applications
- 0.22 for steels

These numbers correspond to probabilities of 90 per cent for normal and 100 per cent
for critical applications according to Table 1.

The above coefficients of variation are applicable in principle to all semifinished
products, that are plates, bars, extrusions and forgings. With Al-forgings there may be
the problem of using specimen data for design of components, as mentioned above, see
also Part I.

For mean fracture toughness’i}} either the actual test results available for the
specific problem can be used; if such data are not available Ryc can be taken from the
literature (for example from (2. 8, 9-15)) ysing all valid test results available i.e.
from many different heats. It must be understood that this Kic is in both cases the mean
of a sample, which must be reduced to the mean of the population, using the coefficients
of variation given above.

5. REFERENCES

Ve N.N., "Military Standardization Handbook. Metallic Materials and Elements for
Aerospace Vehicle Structures"”
MIL-HDBK-5B (1974).

2. N.N., "Werkstoffhandbuch der Deutschen Luftfahrt"
Beuth-Vertrieb, Kdln.

3 Dengel, D., "Die arc sin VF - Transformation - ein einfaches Verfahren zur grafischen
und rechnerischen Auswertung geplanter Woshlerversuche"
Zeitschrift fir Werkstofftechnik, Heft 8 (1975).

4. Hiick, M., "Ansatz und Auswertung von Treppenstufenversuchen im Dauerfestigkeits-
bereich"
IABG-Report B-TF-742 B.

5. N.N., "Standard Method of Test for Plane-Strain Fracture Toughness of Metallic
Materials"
ASTM Designations E-399-74. Annual Book of ASTM Standards, Part 31 (1974).

6. Little, R.E., "Manual on Statistical Planning and Analysis"
ASTM STP 588 (1975).

7. N.N., "Comparison of Samples"
ESDU ITEM No. 68016, Engineering Sciences Data Unit, London (1968).

8. Oberparleiter, W., Kratzer, H., Schiitz W., "Zusammenstellung bruchmechanischer
Kennwerte"
IABG-Report TF-645 (1977).

P e

ot he

(WP ——




|
i
|
|
i

9a.

10.

1.

12.

13.

14.

15.

16.

17.

18.

19.

20.

21.

22.

23.

24.

25,

26.

27.

N.N., "Damage Tolerant Design Handbook. A Compilation of Fractuvre and Crack-Growth
Data for High~Strength Alloys. Part 1"
MCIC-HB 01.

Kirkby, W., "Fracture Toughness Test Results", in: Fracture Mechanics of Aircraft
Structures
AGARD-AG-176 (1975) ed. by H. Liebowitz,

N.N., "Statistische Auswertung der 1975/76 an ungeknickten Trdgerplatten ermittel-
ten Bruchzdhigkeitswerte"
Krupp Metall- und Schmiedewerke, Essen (1977).

Schiitz, W., "Crack Propagation and Residual Static Strength of Typical Aircgraft
Forgings"

AGARD-CP~221 (1977).

Odorico, J., "Application de la Mechanique de la Rupture 4 la Selection des
Alliages d4’'Aluminum"

AGARD-CP-221 (1977).

Oberparleiter, W., "Bauteilspezifische Werkstoffuntersuchungen. Untersuchungen am
Halbzeug Ti6Al4V-Platte"
IABG-Report TF-675.3 (1977).

Zenner, H., "Bauteilspezifische Werkstoffuntersuchungen. Untersuchungen am Halb-
zeug 6060-T73651"
IABG-Report TF-621.3 (1976).

Zenner, H., "Bauteilspezifische Werkstoffuntersuchungen. Untersuchungen am Halbzeug
Ti6Al4V-Schreiben”
IABG-Report TF-676.3 (1978).

Schiitz, W., "Fatique Life Prediction of Aircraft Structures - Past, Present and
Future”
Eng. Fracture Mechanics, Vol. 6, No. 3 (1976) pp 671-699.

Witzke, W.R., Stephens, J.R., "Comparison of Equivalent Energy and Energy Per Unit
Aera Data with Valid Fracture Toughness Data for Iron, Aluminum, and Titanium Ailoys"
JTEVA, Vol. 6. No. 1 (1978) pp 75-79.

May, J.M., "British Experience with Plane Strain Fracture Toughness (Kyc) Testing"
ASTM STP 463 (1970) pp 41-62.

Heyer, R.H., and McCabe, D.E., "Evaluation of a Method of Test for Plane Strain
Fracture Toughness Using a Bend Specimen"
ASTM STP 463 (1970) pp 22-41.

Brown, W.F., Jr., "Review of Developments in Plane Strain Fracture Toughness Testing"
ASTM STP 463 (1970).

Kratzer, H., Oberparleiter, W., and Schiitz, W., "Ergdnzende bruchmechanische Unter-
suchungen an Flugzeugbauwerkstoffen"
IABG-Report TF-560 (1976).

Oberparleiter,W., Kratzer, H., and Schiitz, W., "Bruchzdhigkeit verschiedener Luft-
fahrtwerkstoffe bei - 500 C"
IABG-Report TF-513 (1975).

Kratzer, H., Oberparleiter, W., and Schiitz, W., "Bestimmung der Bruchzdhigkeit ver-
schiedener Luftfahrtwerkstoffe"
IABG-Report TF-492 (1975).

N.N., "Damage Tolerant Design Handbook, Part II"
MCIC-HB~01 (1975).

Clark, W.G., Jr., and Hudak, S.J., "Variability in Fatigue Crack Growth Rate Testing"
JTEVA, Vol. 3, No. 6 (1976) pp 454-476.

Oberparleiter, W., and Schiitz, W., "Berechnung des RiBfortschritts an Bauteilen
bei verdnderlichen Spannungsamplituden"
IABG-Report TF-508 (1976).

Zenner,'ﬂ., and Schiitz, W., "RiBfortschritt an Titanblechen im Einzelflugversuch"
IABG-Report TF-224 (1972).

duahlde b




28.

29.

8.7
Oberparleiter, W., and Schiitz, w.,
Einzelflugbelastung"

IABG~Report TF-482 (1975).

"RiBfortschritt an 7075-T7351 Platten unter

Oberparleiter, W., and Schiitz, w.,
HP 9-4-30, 300 M und Ti6Al4V unter
IABG-Report TF-549 (1975).

“RiBfor tschrittsverhalten von 7075-T7351,
Einzelflug- und Einstufenbelastung”




i

. -. e—— —
R

i

28.

29.

8-7

Oberparleiter, W., and Schiitz, W., "RiBfortschritt an 7075-T7351 Platten unter
Einzelflugbelastung”

IABG-Report TF-482 (1975).

Oberparleiter, W., and Schiltz, W., "RiBfortschrittsverhalten von 7075-T7351,
HP 9-4-30, 300 M und Ti6Al4V unter Einzelflug~ und Einstufenbelastung"”
IABG-Report TF-549 (1975).




8-8

Material : Ti 6Al 4V -Plate 1920 x720x78 mm

| 98
97 |
95

90 A

Relative Cumulative Frequency (Percent)

g .. < P s

1000 1500 2000 2500 3000

Fracture Toughness Kj. (N/mm3/2)

o Kjc (50 Percent)=1623 N/mm3/2 y - 0,037
+ Kjc (50 Percent)= 1660 N/mm ¥2 .02

e D et St e S

FIGURE 1.  STATISTICAL EVALUATION OF FRACTURE TOUGHNESS




Material : Ti 6Al L&V Forged Compressor Disc
Spec. Orientation: C- R

98 -
97 -
95 4

§ 90 -
$ 1
= 80
>
g 90
Y
o
E <
W
g 50 -
-— [ )
2 -4
g
5 30 - %
L
:_6 4
& 10 A

>

3 =

2 i - o

1000 1500 2000 2500

Fracture Toughness Kyp. (N/mm 32

©  Kp (50 Percent) =1790 N/mm 3’2 v - 0,06

FIGURE 2.

STATISTICAL EVALUATION OF FRACTURE TOUGHNESS

3000

89




R

TR

SRSt 2 St v I S

ol SRR PR i MBI i

SRR e Tk

e

/
(/]

H A ¢

B

e 5 el

FIGURE 3.

380

FORGED COMPRESSOR DISC OF TIGAL4V
SPECIMEN ORIENTATION

*

A

il ko b - o




\ Rl o i . b

=

: 811
{
!
\‘
{
‘g Material : 7050 - T 73651 - Plate
J 2000 x 1000 x 10mm
|
| 98 1 T-L
97 -
95 5) S_T L ‘T
3
| 90+ |
] e - )
:\ § 80
i 70 1 .
5 f
e
| o S0 ‘
= 4
o I3
| E
5 301 | 3
(8] l, i
o 204 .
s
3 | ]
& 10 : ‘
5 o
2! |
500 750 1000 1250 1500 .
Fracture Toughness Ki. | N/mm3/2) '

124  N/mm 372 , -0,019
966 N/ mm 32 v =0,03
957 N/mm 32  =0,015

° Klc (50 Percent)
+ Kjc (50 Percent)

% Kjc (50 Percent)

FIGURE 4.  STATISTICAL EVALUATION OF FRACTURE TOUGHNESS




Y.

8-12

> 015 j
("]
"]
@
£
H
-
o
L o
D
g 010 - N
w
- o
. . 3 °
£ 3 8
§ a o o °
> o
2, o
E o %é% o
= (o] fo)
-;_-_’ o o
8 ° °
o
o
0.00 — T T -—
500 750 1000 ; 1250 2 1500
Yield Strength G {N/mm*“)
FIGURE 5. COEFFICIENT OF VARIATION v VERSUS YIELD STRENGTH G'Y FOR TI-ALLOYS
100
99..
— 95-
§ w
P': 80 1
g 701
< 504
R J
£ 304
'g 20
o 104
2
8 5
«
1'!
0 P LA 1 L \J 1 W e WL 3 ] L] L A
0005 001 0.02 0.05 o1 0.2 05
Coefficient of Variation v
FIGURE 6.  STATISTICAL EVALUATION OF THE COEFFICIENT OF VARIATION OF AL-ALLOYS '




L' 8-13

100 1

95 1
90 4

000

—

704

S0+

304
20+

10

Relative Cumulative Frequency (Percent)

0 LA T T B\ s SR ] i A L v L RN

I 0005 001 0.02 005 01 02 05
Coefficient of Variation v

FIGURE 7.  STATISTICAL EVALUATION OF THE COEFFICIENT OF VARIATION OF TI-ALLOYS |

100 -

99 4
2

95
90 4

80 4
70 -

50 -

301
201

-

10+
S 4

Relative Cumulative Frequency (Percent)

1-

OTvvv LI DR D ) | LU v L | '

0005 001 002 005 0 02 05 ,
FIGURE 8.  STATISTICAL EVALUATION OF THE COEFFICIENT OF VARIATION OF STEELS. EXCEPT D6AL




99 -

95 1

(7o)
o
Oo

3

1 '}
00
bl diiiiiinn

A
0o
——

Relative Cumulative Frequency (Percent)

LilNan, . e T ™ T T

0005 001 0.02 005 o1 02 05
Coefficient of Variation v

FIGURE 9. STATISTICAL EVALUATION OF THE COEFFICIENT OF VARIATION OF D6AC-STEEL




Relative Cumulative Frequency (Percent)

Spec. Orientation : L -T

98
97

95

Ll 1 J

90 -

80 4

70 -
50 -

30 A
20 4

10 -

51
34
2 T | \J 1

1000 1500 2000 2500 3000

Mean Fracture Toughness Ky~ ( N/mm 3/2)

Kl (50 Percent) = 2560 N/mm3/2 v = 0.16

FIGURE 10,  STATISTICAL EVALUATION OF MEAN FRACTURE
TOUGHNESS OF 7 DIFFERENT HEATS CF TI6ALLV




8-16

Spec. Orientation : T-L

98 1
97 |

95 |
90

80
70

Relative Cumulative Frequency (Percent)

1000 1500 2000 2500 3000
Mean Frocture Toughness Kp. | N/mm3/2 )
Kp (50 Percent) = 2573 N/mm 32 - o716

FIGURE 11.  STATISTICAL EVALUATION OF MEAN FRACTURE
TOUGHNESS OF 7 DIFFERENT HEATS OF TIGAL4V




e

Spec. Orientation : T-L

98 -
97 4
95

90 A

30 -
20 -

Relative Cumulative Frequency (Percent)
o

10 A

T T T T
0 500 1000 1500 2000
Mean Fracture Toughness Kic (N/mm3/2)

© Kic (50 Percent)= 1028 N/mm32 v (17

FIGURE 12,  STATISTICAL EVALUATION OF MEAN FRACTURE
TOUGHNESS OF 4 DIFFERENT- HEATS OF 7050-773651

A




8-18

Spec. Orientation L -T

98 -
97" Fe)

95
90 -
80

70-

-

S0 4

sy 7T A ol Al A S ks i i S

30 1

zoﬁ

4

Relative Cumulative Frequency (Percent)

104

.
34
4 T T T 1

1000 1500 2000 2500 3000

Mean Fracture Toughness Ky, ( N/mm372)

i o Kp (50 Percent)=2215 N/mm3/2 v = 0,23

FIGURE 13.  STATISTICAL EVALUATION OF MEAN FRACTURE
1 TOUGHNESS OF 20 DIFFERENT HEATS OF D6AC




—— JPEE————— il - - . S

3 8-19

Spec. Orientation : L -T
i %

97
95 T

T t

(]

90 -

80 -

Relative Cumulative Frequency (Percent)
w
o
1

N
o
1

107

o 000

=
3 4
2

o ¥ -
500 750 1000 1250 © 1500
Fracture Toughness KIc [ N/mm372)

°® Ky (50 Percent) =195 N/mm3/2 v =01

FIGURE 14,  STATISTICAL EVALUATION OF FRACTURE TOUGHNESS
OF 17 DIFFERENT HEATS OF 7050-T73561 PLATE




Relative Cumulative Frequency (Percent)

95 7 Load Sequence: Transport Aircraft, Flight by Flight, Several Modifications

80 -

80 -
70 A

50 A

30 -
20 -

10 A

5000

FIGURE 15.

LI L L] LI

10000 20000 30000
Number of Flights from a Crack Length of S5mm to Failure

STATISTICAL EVALUATION OF CRACK PROPAGATION OF TIGAL4V SHEET SPECIMENS

|
{
|
y
i




FEN

.

9-1

DESIGN OF REDUNDANT STRUCTURES
by
T. Swift

Douglas Aircraft Company
McDonnell Douglas Corporation
Long Beach, California 90801

SUMMARY

The selection of damage sizes to be used in the design of a large commercial transport aircraft are discussed in this paper.
Development tests are described which assess the capability of different materials and structural configurations to meet the selected
criteria. Correlation of various analytical methods is shown for varying degrees of damage for both fuselage and wing structural
arrangements. A limited number of tests are described which verify the chosen inspection intervals for externally detectable damage
after internal member failure.

1. INTRODUCTION

During the early design phases of an aircraft structure, decisions must be made on possible damage sizes to be sustained at limit
load. These possible damage sizes can usually be defined by reviewing the structural configuration and loading environment. Once the
damage size has been selected and design stress levels chosen, then candidate materials and structural configurations must be evaluated
to meet the requirements. Trade studies must be performed followed by development testing to determine which combinations of
material and structural arrangement will satisfy the requirements in the most economical way. One of the prime objectives of a
development test program is the correlation of analytical methods. When one considers the many structural arrangements which exist in
a large transport aircraft, it becomes obvious that tests cannot be conducted for each configuration. Verification of the damage
tolerance criteria for most of the structure must be performed analytically. The methods must. however, be verified by a minimum of
testing. Final verification of the residual strength capability as well as inspection interval selected should be determined by component
testing of just a few selected areas of the structure. Inspection intervals must be set with enough margin of safety so that fatigue damage
will be found before catastrophic failure. When this final selection is made, it must be remembered that the best analytical tools will
result in some variations due to material scatter and the lack of ability to aceount for every local effect which may be present.

2. DAMAGE TOLERANCE DESIGN LIMITS
2.1 Damage Sizes for Fuselage Residual Strength

Redundant structures are not necessarily inherently fail-safe. Commercial aircraft fail-safe requirements state simply that
catastrophic failure should not occur after failure of a single principal structural element. However, if this single element failure remains
undetected and the redistributed load eventually causes fatigue failure of a second element, resulting in catastrophic failure of the
aircraft, then this structure, although redundant. cannot be classified as fail-safe. Detectability then becomes one of the basic elements
in the design of failsafe redundant structures. Further, when one considers the vast structural expanse of a modern transport aircraft
and realizes that the majority of main structural elements are covered with insulation and furnishings, it becomes obvious that for these
large expanses of basic structure, extenal detectability prior to catastrophic failure should be a prime design factor. The structural
designer does have some control over this. For example, the upper crown of a fuselage structure is primarily designed for down-bending
tension loads. The smaller, negative bending compression loads could easily be taken care of by a few large longerons spaced widely
apart. If a fatigue crack developed in one of these members and the crack could not be detected because the view of the crack was
blocked by inside furnishings, it could rapidly propagate to failure. The designer can improve this situation considerably by spreading
out the longeron area into smaller, more closely spaced stiffeners, so that if one fails and causes a skin crack, the transfer of load from
the broken longeron is not immediately catastrophic.

In order to specify the size of external damage to be designed for, one needs to consider possible sources of fatigue cracking. For
the case of the fuselage basic shell, consider Figure 1. When the cabin is pressurized, radial growth of the skin is resisted by frames and
longerons, causing local bending along the rivet lines. Where the skin attaches to the frame shear clips, this local bending is
superimposed onto axial stresses caused by pressure and inertia bending loads, which could cause one-bay cracking between longerons at
point A.

Local skin bending also occurs along the rivet line attaching the longeron to the skin. The hoop stress due to cabin presstire varies
across the bay and is superimposed onto the local bending stress, causing a critical location halfway between frames. Thus, a one-bay
longitudinal crack could develop between frames at point B.

At the attachment of the longeron to the frames, the local bending stresses in the longeron are superimposed onto the axial stresses
due to pressure and inertia. This could cause longeron failure at C. After failure of the longeron, which is not critical if the design
practices previously mentioned are followed, the skin stresses increase by a factor of about 2.2, depending on the longeron arca. This
increase in stress can cause a skin crack at the next attachment which could propagate into both adjacent bays, thus creating a two-bay
circumferential crack at point D. In a large transport fuselage, there is usually considerable variation in bending moment around a frame
due mainly to transfer of payload into the shell. This frame berding, in locations that create tension in the outer cap, will cause local
increases in skin stress over the frame which are superimposed onto hoop stresses due to cabin pressure. This situation is aggravated by
the discontinuous shear clip, and skin cracking could occur which would propagate into both adjacent bays, creating a two-bay
longitudinal crack at E.

If there is a tendency for fast fracture to occur, the adjacent members must be designed to arrest the crack. In the case of a
two-bay circumferential crack, the arrested crack size is usually 16 to 20 inches long and the two-bay longitudinal crack is 40 to
45 inches long. If there is a crack stopper strap at a frame location, fatigue crack growth in the skin will be almost completely retarded
until the crack stopper itself fails. This failure may go undetected due to lack of internal visibility. The design should therefore include
the capability to allow this member to fail without causing catastrophic propagation of the skin crack.

The two-bay damage quoted above is quite large and should be casy to detect by loss of cabin pressure, internal noise created by
pressure escaping through the crack, or nicotine from smoking passengers and oxidization stains on the skin due to fretting.
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The fuselage structure then should be designed at least to sustain the damage shown in Figure 2 for limit load application. In

addition, there is a possibility of damage due to foreign objects such as parts from disintegrating ¢ngines. A section of a turbine blade,
tor example, could pierce the fuselage shell, resulting in a fast fracture in the skin. The damage sustained from this discrete source could
also cause a frame member to fail. This damage would be obvious to the flight crew, however, and the aircraft need only be designed for
those loads likely to be encountered during return to the airport. This loading is usually that associated with 1.5 g plus cabin pressure.
Thus. the design should include the capability to sustain two bays of skin cracked with a broken central frame member at the loads just
mentioned.

2.2 Damage Size for Wing Residual Strength

Accessibility to the internal wing structure for inspection purposes appears easier than in the fuselage case. However, access doors
must be removed and the tanks purged with inert gas to remove fuel fumes prior to inspection. Thus, it is not as easy as merely
inspecting the wing extemally. There may be several [ocations in the wing basic internal structure which are more fatigue-sensitive than
external structure such as the fuel transfer slots in the wing stringers, as illustrated in Figure 3. Also at the intersection of a wing rib
with the stringer, secondary loads are introduced due to distribution of airload and rib-crushing loads caused by curvature from wing
deflection. In the event of stringer failure, the skin becomes overloaded locally due to foad transfer from the broken stringer, and skin
cracking in two adjacent skin bays will eventually occur. The structure must therefore be designed so that the skin damage can be found
externally prior to catastrophic failure. In the event that fast fracture of the crack occurs, the adjacent stiffeners must be sized to arrest
the crack. The wing basic structure is therefore designed to sustain a two-bay skin crack with a broken central stiffener at limit load, as
shown in Figure 3.

3. DESIGN DETAILS
3.1 Fuselage Design Features

At this point, it will be useful to note just a few features of basic fuselage detail design which can help improve the fail-safe
characteristics. Figure 4a shows a DC-10 basic fuselage frame member with a separate shear clip attached to the skin. The cutout in the
shear clip allows the longeron members to pass through, and is a fatigue-sensitive location: Fatigue cracking can occur in the comer of
the cutout. However, if this does occur. only the shear clip cracks, leaving the frame member intact to perform its main function. In the
case of the design in Figure 4b, a crack starting at this cutout would rapidly propagate through the frame, resulting in loss of bending
capability.

A crack stopper strap located at the frame position as in Figure 4a will relieve the stress concentration at the first rivet in the shear
clip and provide continuity across the cutout. resulting in a vastly improved fatigue life. The strap can also work as frame-bending
matenal in addition to arresting large fatigue cracks.

Figure 4¢ shows a basic circumferential skin splice with internal splice plates and finger doublers. This splice is designed in such a
way that fatigue cracking will always occur in the skin at the row of attachments through the finger doubler. A crack in the internal
splice plate as shown would not be externally detectable. Considerable testing has been performed to perfect this design feature while
maintaining more than six times the required life. Similarly. in the case of a horizontal splice, as shown in Figure 4d with both internal
andd external splice plates, fatigue cracking will always occur in a location which is externally visible.

3.2 Wing Design Features

Crack propagation tests of stiffened panels indicate that if the path of a fatigue crack, passing through a row of rivets, is greater
than one tastener head diameter away from the fastener countersink, then the crack will pass near the hole without arresting in the
hole. This is illustrated in Figure 5a. On the other hand, if the crack path is less than one diameter from the countersink, then the crack
will certainly arrest in the hofe as shown in Figure 5b. If two rows of fasteners are required, then it is an advantage to stagger the rows
and make sure the distance between countersinks in less than twice the diameter, as illustrated in Figure Sc. This will ensure that the
crack will always enter a rivet hole, resulting in immediate loss of the stress intensity factor. The DC-10 wing is designed to include this
feature and all stringers are attached with two rows of staggered rivets at a spacing which will guarantee propagation toward a rivet hole,
as shown in Figure Sd.

4. DESIGN STRESSES
4.1 Basic Fuselage Shell

The DC-10 will be considered here as an example for the damage tolerance assessment of a large transport aircraft. In the case of
the basic fuselage shell structure. there are many design requirements to be met apart from the damage tolerance critena. As indicated
previously in the section on damage tolerance analysis of redundant structures, higher residual strengths can be obtained by spacing
stiffeners closer together. Close spacing, however, may not result in a minimum-weight design. For example. the most efficient
circumferential frame spacing for a shell radius of 118.5 inches is 20.0 inches. This has been determined from considerations of general
and local instability together with payload redistribution. Similarly, the most efficient Jongeron spacing for the size of shell varies from
6.5 inches at the bottom to 8 inches at the top. These dimensions are more a function of material elastic moduius than any other
parameter. Even though the fracture mechanics specialist may desire different dimensions to optimize his own criteria. he s foreed to
be realistic about this and consider other criteria as well as his own. However, damage criteria must be met and he has several options at
his disposal such as choice of skin material, use of crack stoppers. or stiffener configurations, apart from stiffener spacing. The fuselage
shell minimum gage is determined primarily from fatigue life considerations due to local effects of cyclic pressure.

After the damage size has been decided upon as indicated on Figure 2, a review of expected stress levels is required. Figure 6 shows
the limit P/A stress levels at the crown of the shell from both cabin pressure and inertia bending. This location is the most critical for
circumferential damage. 1t will be noted that the highest stresses are in the aft fuselage. Much of the fuselage is minimum gage which
explains the lower stresses in the forward section. The most critical location for fongitudinal damage is in @ miniman-gage area where
the shear stresses are highest and where the axial stresses are zero. This, again, is in the aft fuselage. The actual stress distribution i a
fuselage shell due to pressure and shear is extremely complex to determine, and a conservative approach must be taken when
considering allowable residual stresses for longitudinal damage. The hoop stress halfway between fongerons varies between 65 percent of
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Pr/B at the frame and 82 percent of Pr/B at midbay, defined by points A and B in Figure 6, and is fairly constant at 75 percent of Pr/B
at the longeron, defined by line CD. Nominal cabin pressure is 8.6 psi with a valve tolerance of 0.5 psi, making a limit pressure of
9.1 psi. The maximum principal limit stress due to the average hoop stress and shear is about 20,000 psi in the minimum gage area at
the side of the aircraft, as indicated in Figure 6. At 1.5 g plus pressure, this figure is approximately 15,500 psi. These values reduce to
about 11,400 psi hoop stress only at the crown of the shell. This, of course, exists only in the skin because the frames do not react shear
loads. It has been determined by residual strength tests on cracked cylinders subjected to internal pressure and shear( 1) that using
principal stress 0, based on the following expression is about 8 percent conservative.

2
ap=0,2+ [(o,/02 +72)" m

where
0, = average hoop stress
T = shear stress

In general, the fuselage residual strength requirements were a two-bay circumferential crack at 34.0 ksi and a two-bay longitudinal
crack at 20.0 ksi. It was decided to conservatively apply this principal stress normal to the direction of a longitudinal crack.

4.2 Basic Wing Structure

The design limit stress level generally used for lower wing surface from a static viewpoint is limited to approximately 34 ksi. This is
simply based on the ultimate material strength, considering a conservative fastener hole factor of 1.25 (based on past experience and
tests) for 2024-T3 material, which is the prime candidate for a Jower wing surface. The limiting gross area stress level to be used for
residual strength with the chosen damage size is then simply two-thirds of 64/1.25 = 34 ksi. If this stress level could be met at the
damage size decided upon, then no weight penalty would be incurred. This limit stress is also an approximate upper bound to meet
fatigue life requirements.

5. FUSELAGE TRADE STUDIES

5.1 Circumferential Crack

As stated earlier, the circumferential damage size to be sustained at a gross limit stress of 34 ksi is two bays of skin with a broken
central stiffener. The stiffener spacing in the most critical location for this type of damage at the fuselage crown is 8.0 inches. The only
design variables left are stiffener geometry and material, fastener spacing and type, and skin material. The skin material is the most
important. Early testing had determined fracture toughness values for four candidate skin materials: 2024-T3 material, having an
apparent K. value in the region of 158 ksiy/in., appeared to be superior. Values for other candidate materials were 52.7 to
63.5 ksiy/in. for 7075-T6, 70 ksiy/in. for 2014-T6, and 90.0 ksi\/in. for 7075-T73. All of these values were for T-L load versus crack
orientation direction. Analysis was performed, using the “lumped parameter finite-element” approach, for the four candidate materials
and 8-inch longeron spacing. Two sizes of hat-section longerons were chosen to be generally representative of the critical area, with a
single row of rivets and two sizes of tee sections having two rows of fasteners. Geometrical details of these stiffeners have been
previously published(2), The two rows of fasteners in the tee stiffeners were simulated by a single shear panel having the same stiffness
as the two rows. Figures 7 and 8 show the results for the small and large sections, respectively. Stiffener material considered was always
7075-T6 for its high strength.

The results of this study indicated a higher residual strength could be attained with tee-type stiffeners due primarily to the two
rows of fasteners. A slight increase could also be expected for the tee section due to slightly lower bending stresses in tee stiffeners
because their neutral axes are closer to the fastener shear face. This is illustrated in Figure 9 which shows a residual strength comparison
for two configurations having Z section stiffeners. In both cases, the stiffener has the same cross section, but in case A it is assembled
with the heaviest section attached to the skin. A substantial increase in strength is indicated for configuration A compared to B. Of
course, the effect has been exaggerated to illustrate this point.

The most dramatic effect illustrated in Figures 7 and 8 is due to skin material. It appears that 7075-T6 and 2014-T6 materials
resulted in allowables s'ibstantially lower than the requirements. Panels made from 2024-T3 appeared to be more than adequate while
those made from 7075-T73 had less than desired strength but were more promising than 7075-T6 and 2014-T6 panels. It was decided to
test 7075-T73 and 2024-T3 panels with the stiffener sizes referred to in Figures 7 and 8.

5.2 Fuselage Longitudinal Crack

There were several questions concerning structural requirements for the longitudinal crack. First, the relative merits of
configurations with and without crack stopper straps, as shown in Figure 4(a), needed to be investigated. Material requirements from a
skin fracture standpoint required evaluation. Lumped parameter finite-element analyses were then performed for several structural
configurations to obtain a first approximation of the effects of these variables.

In curved shells subjected to internal pressure, longitudinal crack tips are affected by a bulging phenomenon. The bulge, caused by
loss of hoop tension reaction to the pressure loading, in tum causes local bending at the crack tips, which increases the effective
crack-tip stress-intensity factor, as shown in Figure 10a. Work performed by Paul Kuhn(3) on this problem indicated that a factor could
be applied to the stress intensity factor given by:

B =1+52a)/R (2)
where

ﬁ, = a bulge coefficient due to pressure and curvature
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a = half crack length
R = shell radius.

Observations from previous water cycle tests on curved panels indicated the bulge effect was eliminated when the crack tips were
in the vicinity of a frame. It was assumed, however, for the two bay crack case that maximum bulge would occur halfway between
frames, but because the crack center was held by the center frame, the 2a in Equation (2) would be as shown in Figure 10b. Thus for
frame spacing of 20 inches the value of 2a in Equation (2) would be 10. It was also assumed that the bulge would be reduced as a cosine
function in the vicinity of frames, starting out as a factor of 1 at the center frame, reaching a maximum when the tip was midbay, and
decreasing to 1 again at the frame. The assumed bulge factor was therefore

BB-1+ R [I+(‘osrr (I+L)] 3)

where R is the shell radius (118.5 inches) and L is the frame spacing (20.0 inches).
The residual strength curve from a skin fracture standpoint is thus determined from

K
< @)

[ e =y
¢ Bhy/ma
where

B = geometrical effects of stiffening

ﬂn = the bulge effect T

Figure 11a shows a residual strength curve for the case with crack stoppers under the frames when the center crack stopper is
broken. Figure 11b shows the effect of also breaking the center frame while Figure 12 represents the case of frames without crack
stoppers when the center frame is intact. A summary table of allowables for skin fracture is shown in Figure 12 based on the peak of
the residual strength fracture curves. It should be noted that the stiffener criteria cannot be plotted directly on these diagrams since
their loadings are complex and include such effects as bending from payload distribution. Also, the additional component of principal
stress due to shear is not reacted by the frames and so their allowables cannot be plotted on the same diagram. This will be considered
later.

Figure 12 indicates that only 2024-T3 material would be adequate for configurations without crack stoppers. With crack stoppers
included and the center frame intact but with the center crack stopper broken, Figure 11a indicates that only 7075-T6 would be
inadequate at the design principal stress. For the case where center frame and crack stopper are broken, both 2014-T6 and 7075-T6
would be inadequate. Again, as in the case of the circumferential crack, it was decided to test 2024-T3 and 7075-T73 as candidate skin
materials. The two other materials, 2014-T6 and 7075-T6, were eliminated as candidates.

6. FUSELAGE FLAT PANEL TEST PROGRAM

6.1 Tests for Circumferential Crack Case

Several flat-60-inch-wide by 120-inch-long stiffened panels were tested under uniaxial loading to obtain early damage tolerance
verification data. Two skin materials, 2024-T3 and 7075-T73, both 0.07 I-inch thick, were tested in combination with the four longeron
configurations shown in Figures 7 and 8. The primary purpose of these tests was to determine their residual strength for the damage size
shown in Figure 2. Longerons were initially saw cut, and half-inch saw cuts were made in the skins. Figure 13 shows one of these panels
after failure. This figure also illustrates the saw cut longeron and a skin crack arrested after fast fracture. The skin cracks were
propagated to predetermined lengths under constant-amplitude loading. Static loading was then applied to cause fast fracture. Two tests
were performed on each panel. The first test area was repaired betore the second test was conducted, which was always a test to failure.
Tests conducted on the 2024-T3 panel with farge hat stiffeners indicated an allowable much higher than required for the specified
damage size. The second tests on each of the remaining 2024-T3 panels were modified to include two saw-cut longerons and a three-bay
crack. This was done to obtain further verification and information considered useful for the foreign object damage case. Table | shows
final failure gross area stresses and final crack lengths for these panels.

The test results for the 7075-T73 panel with large tee longerons were not straightforward, and it will be useful to follow the failure
process. A skin crack over the saw-cut central longeron was propagated at a constant amplitude stress of 15.5 ksi with a stress ratio (R)
of 0.05. Static load was applied and fast fracture occurred at 24.8 ksi with a total crack length of 3.21 inches. The crack was arrested as
shown in Figure 14a. Cycling was continued at 18.0 ksi, R = 0.05, and after 181 cycles, the crack was 1/8™ inch out of the left rivet
hole, as shown in Figure 14b. Static load was again applied and fast fracture occurred at 23.59 ksi in the second hole on the left, as
shown in Figure 14c. Cycling was continued at 18 ksi, R = 0.05, and after 167 cycles, the crack had extended 0.42 inch from the
second hole on the left and into the second hole on the right, as shown in Figure 14d. Static load was again applied and fast fracture
occurred at 27.8 ksi, arresting as shown in Figure 14¢. Static load was increased to 31.6 ksi when fast fracture again occurred from
longeron 4 to S, as shown in Figure 14f. At this point, four rivets had failed as noted in Figure 14f. The load was further increased and
failure occurred at a gross area stress of 36.05 ksi.

6.2 Correlation of Circumferential Crack Cases

Because of the variability in material fracture toughness, K at fast fracture was calculated directly from the stiffened panel test
results. Analysis then correlates with test results if arrest and final failure occur as predicted using these K values. Residual strength
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where W is the panel width.

The results of tests performed on the 7075-T73 panels are shown correlated with lumped parameter finite-clement analysis in
Figures 15 and 16. The calculated stiffener strength curves are based on ultimate strength of the average stiffener material with coupons
cut from the failed panels. Better correlation at failure was obtained generally with the tee-section stiffeners. In the case of the small hat
section, Figure 17 shows test correlation using the displacement compatibility method. The prediction at final failure is better and
appears to be due to this method predicting slightly lower stiffener stresses.

The only 2024-T3 panel failed from a two-bay crack was the one with a large hat longeron. Correlation of this failure was not very
satisfactory using elastic analysis as described in the paper entitled “Damage Tolerance Analysis of Redundant Structures’” and
illustrated in Figure 33 of that paper. Through elastic-plastic analysis, however, the failure was correlated within 1 percent, as illustrated
in Figure 37 of the paper just mentioned.

The only occurrence of fast fracture in the 2024-T3 panels was with the small, hat-section longeron. This occurred at an average
half-crack length of 6.205 inches and a gross area stress of 39.3 ksi. Analysis based on the displacement compatibility method gave a K_
value of 197.87 ksiy/in. This value was used to correlate the large-hat case using elastic-plastic analysis. Figure 18 shows how this crack
was arrested before reaching a longeron on the left. It is interesting to note that the crack on the right passed through a rivet hole and
was out of the other side before it arrested. The skin damage was extended on the left by saw cut across another bay to match the crack
on the right. In addition, a second longeron was saw-cut, making the total damage three bays of skin with two saw-cut longerons. Static
load was increased and failure occurred at a gross stress of 27.92 ksi with a half-crack length of 12.845 inches. A computer program,
based on the displacement compatibility approach, was developed and a residual strength diagram obtained based on the K_ value of
197.87 ksiy/In. and a stiffener ultimate strength of 86 ksi, obtained by testing coupons from the failed longerons. This diagram is shown
in Figure 19. Correlation of this test was very good as indicated by the stiffener-precipitated failure in Figure 19. The failure stress level
was much lower than for the large-hat section stiffener case with the two-bay damage previously mentioned. This is apparently the
reason why the elastic analysis gave good correlation. This explanation is also apparently true in the case of the small- and large-tee
longeron tests in combination with 2024-T3 skin material. In the case of the small-tee longeron, the skin damage was again extended
into three bays and a second longeron saw-cut. The analysis was performed by simulating the two rivet rows to a single row having
double stiffness. The correlation of analysis and test was reasonable with the displacement compatibility approach as indicated by
Figure 20. It would have been expected from analysis that additioral slow growth would have occurred to approximately half-crack
length of 12.0 inches, with failure at the intersection of the two curves at 33.0 ksi. The same procedure was used with the large-tee
longeron, and correlation in this case was exact, as indicated by Figure 21. It must be pointed out that some variation can be expected
if standard handbook stiffener strength values are used. In the case here, it was the purpose to correlate the analytical method and so in
each case the stiffener strength values were those taken from coupon tests of the failed parts.

6.3 Tests for Longitudinal Crack Case

Several flat, 120-inch-wide stiffened panels were tested under uniaxial loading to obtain early damage tolerance verification data
for the longitudinal crack case. One of these panels is illustrated in Figure 22 after failure. Again, 0.071-inch-thick 7075-T73 and
2024-T3 materials were chosen as skin candidates. The panels were stiffened by frames and longerons representing full-scale
construction. At least two tests were conducted on each panel. Three of the more interesting tests will be discussed as typical examples.
In the case of the first panel, made from 7075-T73 material with 7075-T6 frames and longerons, a 3-inch saw cut was made in the skin
normal to and over one of the frames in the region of the shear clip cutout, shown in Figure 4a. The frames were spaced 20 inches apart
and did not include titanium crack stoppers.

Cyclic load was applied to propagate the crack to a predetermined length and then static load was applied up to a gross area stress
of 17 ksi. This was done several times and eventually fast fracture occurred at a half-crack length of 17.5 inches and the crack was
arrested in rivet holes at the two adjacent frames. Half-crack length at arrest was 19.63 inches. Cycling was continued at a gross area
stress of 14.04 ksi, R = 0.05 to propagate the cracks out of the rivet holes. The number of cycles to form a fatigue crack and propagate
to a length of 0.2 inch beyond the hole edge was 43. Static load was again applied and failure occurred at a gross stress of 18.1 ksi with
a half-crack length of 20.97 inches. Analysis, based on the lumped parameter finite-clement approach together with a l\'c value of
92.76 ksiy/1n., based on the fast fracture, resulted in the residual strength diagram in Figure 23.

As explained earlier, it was the intention to assume the principal stress caused by shear and hoop loads acted normal to the
longitudinal crack. In practice, though, the frames would only react loads induced by the hoop component. The residual strength
diagram in Figure 23 indicates that the strength criteria for the center intact frame and the skin fracture criteria at the failure crack
length were nearly the same. In the case of the second test panel, of similar construction, the center frame was-reinforced to be sure
that it did not influence the failure from a skin fracture standpoint, which was the primary test purpose. The results of this test and
analysis are shown in Figure 24. The failure stresses for the two panels are nearly identical, indicating that the center frame influence
was not great. The failure stresses were, however, lower than the 20-ksi goal.

A third panel, still made from 7075-T73 but including titanium crack stopper straps, was tested. A 4-inch-long saw cut was made
normal to and over a crack stopper strap. Constant amplitude cyclic loading was applied to give 15.0 ksi with R = 0.05. After 13,125
cycles, a crack 2.78 inches long was noticed in the 3-inch-wide titanium crack stopper. The skin half-crack length was 3.3 inches at this
point. After 14,866 cycles, the crack stopper was broken and the skin average half-crack length was 9.01 inches long. The center frame
outer cap was reinforced, leaving the crack stopper broken. As in the case of previous panels, static load was applied at various crack
lengths and eventually fast fracture occurred at 20.14 ksi with a half-crack length of 10.285 inches. The crack was arrested in a rivet
hole at both adjacent frames. Cycling was continued to reinitiate the cracks at a gross area stress of 13.18 ksi, R = 0.05, and after 894
cycles, the cracks had propagated to approximately 0.4 inch beyond the hole edges. Static load was applied and failure occurred at
25.12 ksi with a half-crack length of 20.06 inches. As before, lumped parameter finite-element analysis resulted in the residual strength
diagram shown in Figure 25. The outer crack stopper strength is based on specimens cut from the crack stoppers on the failed panel. In
this case, correlation was exact.
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7. WING FLAT PANEL TEST PROGRAM

Several large panels were tested to simulate the wing lower surface. These panels were made using 2024-T351 plate and 7075-T6
Jsection stiffeners with two rows of fasteners. The material in this case had been previously selected, based on unstiffened,
center-cracked panel tests. A typical panel is shown in Figure 26 mounted in a large fatigue-testing machine. The panel shown measures
8 feet wide by 17 feet long. The skin was 0.267-inch thick and stiffeners, spaced at 6.0 inches, were 0.732 in.2 in area. This panel is
considered comparatively light. The center stiffener was saw-cut, and a saw-cut was made in the skin over the saw-cut stiffener. A
fatigue crack was propagated into both adjacent skin bays under constant-amplitude loading. Again, as in the case of fuselage panels, the
primary objective here was to determine the residual strength with two-bay damage. Several applications of fail-safe load were applied
up to 34.0 ksi at increasing crack lengths without fast fracture. The panel finally failed at 33.8 ksi with a half-crack length of 6.5 inches.
Analysis was performed using the elastic compatible displacement approach. In this case, the fasteners were individually represented at
their appropriate locations. However, all fastener loads were referred to the stiffener neutral axis so that stiffener bending only in one
plane was considered. Fracture toughness values for this material and Joading direction were available only for 30-inch-wide panels,
which was not considered wide enough to give valid K, values for this material. In the absence of these data, the value of 198 ksi/in.
was used, based on fuselage test results. The resulting correlation is shown in Figure 27 and the prediction is within 6-1/2 percent of the
test value using the elastic analysis approach.

Figure 28 shows a test panel representative of the lower wing surface in a location requiring a heavy cross-sectional area. The skin
was 0.7-inch-thick 2024-T3S1 plate with stiffeners spaced at 9.5 inches and having a cross-sectional area of 3.34in.2. The center
stringer was saw-cut, and, again, a saw cut was made in the skin which was propagated into both skin bays. A fail-safe load, identical to
the previous test, was applied. The panel failed at a gross area stress of 34 ksi with a half-crack length of 10.19 inches. Again, elastic
compatible displacement analysis was performed using a K value of 198 ksiy/in. Note that this value was not reduced due to increased
skin thickness. The resulting residual strength diagram is shown in Figure 29. This correlation is apparently extremely close, and failure
is predicted due to skin fracture. However, in practice, the panel failure was precipitated by rivet failure in the two-crack arresting
stiffeners, as illustrated in Figure 30. Based on the elastic analysis, this phenomenon would occur at a gross stress of 14.25 ksi, which of
course if far from the truth. A plastic analysis was conducted using the bielastic model shown in Figure 31a for rivet load displacement
characteristics. The rivets were assumed to be in a single row with double stiffness. The compatible displacement analysis resulted in the
first rivet load versus panel gross stress, as shown in Figure 31b. This figure shows that the rivet would fail at a gross stress of 35 ksi
rather than 14.25 ksi for the elastic analysis. Actual failure occurred, as mentioned, at 34 ksi. This again illustrates the need for
plastic analysis to predict the correct gross stress at rivet failure. However, it should be noted that the elastic approach will predict
failure stress fairly closely, as has been demonstrated here tor panels with various configurations and sizes.

8. FUSELAGE CURVED PANEL TESTS
8.1 Test Description

Several large, curved panels were tested under constant-amplitude loading which simulated internal cabin pressure plus inertia
bending loads. The simulated cabin pressure was provided by a vacuum chamber, fitted with a pressurized rubber seal, which was
lowered onto the panel. Pressure loading was reacted by whitfletrees along the edge of the panel, and axial loads, simulating fongitudinat
pressure and inertia loads, were applied to the ends of the panels by hydraulic jacks. The concept is illustrated in Figure 32. Fatigue
tests were conducted on these panels, followed by damage tolerance tests. In some cases. saw cuts were made in the skins and
propagated under cyclic loads to torm fatigue cracks. Residual strength tests were afso performed for both longitudinal and
circumferential damage.

8.2 Cerrelation of Buige Factor

One out of six curved panels tested was made trom 7075-T73 material: all others were 2024-T3. This panel was the only one in
which a fast fracture could be simulated. The high fracture toughness of the 2024-T3 material made it impossible to cause a fast
fracture under representative cabin pressure loads in these panels. A 6-inch-long saw cut was made in the 7075-T73 panel over a trame
and a longitudinal skin crack propagated into adjacent skin bays under cyclic pressure foads. At several crack fengths, static pressure
load was increased to cause fast fracture. This eventually occurred at a half-crack length of 12.5 inches and simulated cabin pressure of
10.45 psi, which corresponds to an average hoop stress of 12,17 Ksi, based on stress equations which account for frame and longeron
stiffening!¥). The critical stress at fast fracture was calculated from an equation similar to (4) but with the secant panel width
correction tactor. The value of B was determined from Equation (3) and § was obtained by lumped parameterfinite-clement analysis.
The vatue of K, used was 92.25 ksiy/in., an average from flat panel tests illustrated in Figures 23 and 24. The resulting calculated stress
at fast fracture was 12.96 ksi, 6 percent higher than the actual stress. The arrested crack was repaired and the test repeated. The results
of these two tests are shown in Table 2.

8.3 Test Results of 2024-T3 Curved Panel

Space limitations made it difficult to describe all tests performed on the curved pancels, a typical example of which is shown in
Figure 33 after failure from a circumferential crack. However, one longitudinal crack test used to verify the damage tolerance size
requirements is worth reporting. After 92,975 constant-amplitude load cycles, simulating a GAG case, a 3-inch-fongitudinal saw cut was
tade over an intact titanium crack stopper strap. Cychic pressure of 9.3 psi was applied, and after 8,654 cycles, a noticeable fatigue
crack was detected at the ends of the saw cut. After 20,000 cycles, the center crack stopper had not broken and little crack growth had
occurred. Cyclic pressure was increased to 10,73 psi (to include effects of skin shear). At 32,187 cycles, the crack stopper was still
intact and since little skin growth had occurred, it was decided to saw-cut the crack stopper. Cycling was continued at 10.73 psi until
the total skin crack length 2a was 16,9 inches. Static pressure was increased to 14,34 psi to cheek for fast fracture. The crack extended
to a total fength 2a of 17,22 inches but remained stable. Cycling was continued until the total crack length 2a was 18.96 inches, 38,019
cycles after the start. Static pressure was again increased to 14,44 psi and the crack extended to a total length of 191 inches but
remained stable. Cycling was continued until the crack was 20.05 inches long, after 48,511 cycles. At this point, the skin crack was
saw-cut to a total length of 23.03 inches to make it symmetrical about the center frame. The crack had extended about 2 inches longer
on one side than the other. Cycling was again continued until the total crack length was 24.89 inches, Static pressure was applied to
14.49 psi and the crack extended to a total length of 25.28 inches. Cycling was again continued until the crack length was 31.03 inches
d at 12.06 psi the center frame failed. The crack extended to 32.83 inches total but remained




stable, as shown in Figure 34. The pressure was increased to 14.59 psi and the crack extended to 34.94 inches but remained stable. At
this point, the crack was heading for the center of a shear ¢lip which was not the most critical position. It was therefore decided to
extend the crack by saw-cut toward the shear clip cutout, shown in Figure 4(a). The resulting configuration is shown in Figure 35.
Static pressure was increased to 12.88 psi when the two outer crack stoppers failed. The skin crack was still stable but extended to
45.56 inches. At this point, a crack was detected in one of the outer frames, adjacent to the broken central frame, and was arrested in a
rivet hole, as shown in Figure 36. Pressure was reapplied and complete failure occurred at 13.13 psi. The total number of pressure cycles
applied to this panel was 141,574, representing 94 years of airline service at the current utilization rate of 2 hours per flight and 3000
hours per year. A lumped parameter finite-element analysis was performed for the failure skin crack length.

The frame crack into the rivet hole illustrated in Figure 36 was simulated by reduction in area of an idealized bar in the
appropriate location. The resulting skin crack-tip stress-intensity factor at failure was 107.4 ksiy/in. Values as high as 130 ksiy/in. had
been applied during the test so that skin-precipitated failure was ruled out. The finite-element analysis predicted an outer-frame
outer-cap stress at failure to be 73.9 ksi. Coupons cut from the broken frame gave ultimate strength values varying between 73.16 and
74.02 ksi. 1t was therefore concluded that final failure was precipitated by outer frame failure. The results of this test are shown in
Figure 37.

9. FUSELAGE SKIN MATERIAL SELECTION

Tests on flat 7075-T73 panels for the circumferential crack case confirmed the analysis and indicated that the desired gooss stress
of 34.0 ksi could not be met with this material, as shown in Table 1. The choice of 2024-T3 material would easily satisfy the
requirements. With crack stopper straps, the longitudinal damage requirements could be met with 7075-T73, as indicated by Figure 25,
but the question of frame bending, adding local skin stresses, could cause the crack to extend beyond the frame. However, with
2024-T3 skin and crack stoppers, Figure 12 indicates an allowable of 51.2 ksi for skin fracture, which would amply cover the frame
bending condition at limit stress since the static ultimate strength of the skin would limit the limit stress to about 41.3 psi. In view of
this, 2024-T3 was chosen for the skin.

10. FUSELAGE DAMAGE TOLERANCE SIZE VERIFICATION ANALYSIS

The choice of 2024-T3 skins easily satisfied the damage size requirements of Figure 2. This is illustrated in Figure 11. However, it
must be shown that the crack arresting outer members remain intact. A simple residual strength diagram will not show this due to the
complexity of the stiffener loading. In the case of the DC-10 aircraft, stiffening elements of the entire shell were checked for the
loading shown in Figure 38 to be sure they would remain intact. The skin crack was assumed to be (40 + 30B), where B is the skin
thickness. This was to allow for any crack extension due to increased skin stress from frame bending.

11. EFFECTS OF STIFFENING ON CRACK GROWTH

It has been shown from a residual strength standpoint that the calculation of B by both finite-element and compatible
displacement methods appears to be fairly accurate. The variation of § in stiffened panels can also be experimentally determined and
compared to analysis. Several center-cracked stiffened panels were tested under constant-amplitude loading. The panels, made from
0.063-inch-thick 2024-T3 and measuring 48 by 48 inches, were fitted with crack stoppers 15 inches apart. The crack stoppers were
made from 0.063, Ti6A1-4V titanium 2.25 inches wide, riveted with two rows of rivets at 1-inch spacing. Cracks in the panels were
propagated between rivets. Crack growth rates for both stiffened and unstiffened control panels were plotted against half-crack length a.
A curve of da/dN versis AK was obtained for the unstiffened panel. At various crack lengths, da/dN was obtained for the stiffened
panel. The values of AK were then obtained from the curve of AK versus da/dN. The value of 8 was then obtained from:

g= AK (unstiffened panel) (6)
AK (stiffened panel)

Analysis of the stiffened panels was performed to obtain 8, using the displacement compatibility approach. Two methods of
idealizing the strap were used. The first one assumed only one row of fasteners in the strap at its center but with double stiffness. The
second treated the strap as two separate straps with areas centered on the rivet rows. The straps were uncoupled. Figure 39 shows
correlation between analysis and test for three of the panels.

12. INSPECTION PROGRAM

The structural inspection plan for a large commercial aircraft such as the DC-10 is defined in the Maintenance Review Board
report. This document outlines the basic requirements for an approved initial maintenance program for the aircraft. The report is
developed by a Maintenance Steering Committee composed of the airframe manufacturer, the engine manufacturer, and the operating
airline, and is based on Handbook MSG-2, “Airline Manufacturer Maintenance Program Planning Document.” The program is a constant
density sampling that requires participation of all airplanes in a fleet defined for each carrier or group of carriers sharing inspection
resources. The structures program includes 100 percent inspection of specified interior and exterior items, as well as sample inspection
of fractions of each operator’s fleet which must be done by a specified time. The structure is divided into zones which include
structurally significant items (SSI's). Three types of SSI's are specified in the structures program: external, internal, and internal with
external visibility. The sampling program is conducted in the following manner. For example, if an SSI is selected for the sampling
program at 20,000 hours and the sampling fraction is one-fifth, then one-fifth of all operators’ fleets must be inspected prior to 20,000
hours. SSI's considered to be more critical are given 100 percent inspection — that is every aircraft in each operator’s fleet is inspected.
There are 543 SSI's in the DC-10 inspection program. The 100 percent program includes 287 of these, and 306 are in the sampling
program. Inspection intervals are basically 4000, 8000, 12,000, 16,000, and 20,000 hours. The 100 percent inspection program is
broken down as follows:

36 external items inspected every 4000 hours
94 external items inspected every 8000 hours
119 external items inspected every 12,000 hours
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10 internal items inspected every 4000 hours
28 internal items inspected every 8000 hours

The sampling program includes only internal items as follows:

18 items, 1/7'" inspected every 16,000 hours
6 items, 1/6'™ inspected every 16,000 hours
Yitems, 1/5'™™ inspected every 16,000 hours

131 items, 1/7'" inspected every 20,000 hours
102 items, 1/6'" inspected every 20,000 hours
47 items, 1/5'™ inspected every 20,000 hours

In addition to these inspections, A and C checks are made. The A check consists of walk-around inspection of special items every
250 hours. The C check consists of a condition check of installations by zones, and is performed at 2000-hour intervals. Operators
performing inspections must be equipped with inspection techniques such as X-ray, sonic, inspection, or eddy current radio isotope.

13. WING INSPECTION INTERVAL VERIFICATION

As previously noted, it is highly desirable for damage in basic structure to be externally detectable prior to reaching critical
proportions. Crack growth tests were performed to verify that after failure of an internal member, an externally detectable skin crack
would not propagate to a critical length within two inspection intervals. An example of one such test is described here. A panel similar
to the one illustrated by Figure 28 was tested under flight-by-flight spectrum loading. The center stiffener, having dimensions identical
with those shown in Figure 29, was completely saw-cut and a saw cut made in the skin, as shown in Figure 40. Constant-amplitude
cyclic loading was applied initially to generate a crack from the saw cut prior to the application of flight-by-flight loading. Analysis was
performed to correlate the test. The effects of the broken stiffener were obtained by the compatible displacement approach and §
values were thus obtained from the analysis used to generate the residual strength diagram of Figure 29. These g values were corrected
to account for the hole using the Bowie correction factors for a through crack at a hole. The Bowie factors were multiplied by the g
values obtained from compatible displacement analysis. Forman’s equation for 2024-T3 material was used to determine the crack
growth rate as a function of AK(S), Cycle-by-cycle analysis was performed without accounting tor any retardation effects, using a
computerized crack growth rate integration program. The resulting correlation is shown in Figure 40. It should be pointed out that the
K, value used in Forman's equation was 83 ksi, whereas the value used to correlate residual strength tests having long cracks was 198
ksiy/in. The results of this test and analysis indicated that the initially detectable crack would not become critical for at least two
external inspection intervals.

14. FUSELAGE INSPECTION VERIFICATION

Venification of inspection intervals for critical damage tolerance areas in the fuselage basic shell structure was obtained generally
from curved panel testing. Some information was also obtained during full-scale fatigue testing. As an example of this verification
testing, a test on one of the large curved panels, described in Section 8.3, will be discussed here. This example will also serve to illustrate
the external detectability philosophy used for basic shell structure.

During fatigue testing of a large curved panel, similar to the one illustrated in Figure 33, a 7075-To longeron was found to be
cracked at 63,600 equivalent flight hours. The test was being conducted under biaxial loading conditions to simulate a GAC cycle,
including the effects of cabin pressure combined with fuselage bending stresses. Axial applied P/A stress was 15.5 ksi and simulated
cabin pressure was 9.3 psi. Equivalent flight length was 1.43 hours. The longeron failed completely 26,180 hours after the initial crack
was discovered. To form a skin crack of 0.5-inch detectable length over the failed fongeron required 38,600 hours. An additional 30,600
hours were required to propagate the skin crack to a two-bay length, considered critical at limit stress. Axial load was applied to give a
gross skin stress of 36 ksi at this crack length (17.8 inches) without causing the panel to fail. This sequence of events is illustrated in
Figure 41. In this case, at least four 16,000-hour internal inspections have been made before a detectable crack has formed in the skin.
Seven external inspections are made between externally detectable and critical crack lengths.

No attempt was made to correlate the longeron crack growth, subjected to bending caused by cabin pressure and axial stresses
from fuselage beuding. However, it was possible to predict formulation of the skin crack using conventional fatigue analysis methods.
Lumped parameter finite-element analysis predicts the stress distribution in the vicinity of a broken longeron, as shown in Figure 42.

The first rivet load, adjacent to the failed longeron. is also shown. Using the stress severity concept{®) for this geometric
configuration gave an effective stress o as follows

= 7
O =0Sloy +o M

bp
where

g,

N ™ Bearing stress at rivet

Oyp = Bypass stress (unloaded side of rivet)

Axial skin stress(®) o was 16.92 ksi (R = 0.18). Bearing stress 0, Was 26.0 ksi. The bypass stress on the unloaded side of the rivet
was 1.331 (16.92) giving 22.52 ksi. Thus, the effective stress Ogpp became 35.78 ksi. Fatigue Sn data tor basic fuselage construction is
shown in Figure 43. A fatigue crack could be expected in the skin at 29,000 cycles (41,470 hours). This overestimates the test result by
7 percent, which is considered very close. The scatter in results could generally be expected to be much greater than this. After failure
of the longeron and formulation of the skin crack as described above, 30,600 hours of testing were required to reach a two-bay length
This crack growth was correlated using Forman's equation (5) for 2024-T3 together with 8 values obtained by finite-clement analysis
These @ values are published for a smatl hat-section fongeron! 1) as in Case 15, The analysis predicts that the skin crack will grow to a
two-bay length in 17,160 hours, which is only a little over haif the time taken in the test. In this case, therefore, the analysis was
conservative to a considerable degree. A possible explanation for this is that the test panel was biaxially loaded whereas this was not
accounted for in the analysis.

L T—
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TABLE 1
CIRCUMFERENTIAL CRACK FLAT PANEL TEST RESULTS
LONGERON FAILURE|  FAILURE
SKIN | LONGERON | NET AREA [DAMAGE| STRESS |CRACK LENGTH
MATERIAL |  TYPE SQIN) | TYPE | (KS)) 2a (IN.)

HAT 03020 | 2BAY | 3120 16.31

HAT 05121 | 28AY | 2060 16.70

1015323 TEE 02895 | 2BAY | 29.61 17.81
TEE 04865 | 4BAY | 3605 32.00 (1)
HAT 03029 | 3BAY | 27.92 26.69 (2)

HAT 05121 | 2BAY | 39.74 19.76
Cs TEE 02895 | 3BAY | 3097 2327 (2)
TEE 04865 | 3BAY | 3429 24.21 (2)

(1) CENTER STIFFENER SAW CUT, OTHERS INTACT PRIOR TO FAILURE
(2) TWO CENTER STIFFENERS SAW CUT

TABLE 2
CORRELATION OF STRESS AT FAST FRACTURE
IN 0.08-INCH 7075-T73 STIFFENED CURVED PANEL

CALCULATED TEST
a B Pe % % PRESSURE
(IN.) ) @ (ks (3) (ks P,
125 0.8163 1.36 12.96 1217 10.45
12.1 0.8264 1378 13.02 12.58 10.8

(1) LUMPED PARAMETER FINITE-ELEMENT ANALYSIS

(2) EQUATION (3)

(3) EQUATION (4) MODIFIED BY SECANT TERM FOR WIDTH EFFECT
K, = 91.43 KSI/IN. (FLAT PANELS)

FIGURE 1. FATIGUE-SENSITIVE AREAS IN FUSELAGE BASIC SHELL STRUCTURE
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TWO-BAY LONGITUDINAL SKIN
CRACK WITH CENTRAL BROKEN
CRACK STOPPER AT LIMIT LOAD ~

i TWO-BAY CIRCUMFERENTIAL
- SKIN CRACK WITH BROKEN
CENTRAL LONGERON AT
LIMIT LOAD
TWO-BAY LONGITUDINAL SKIN-/
DAMAGE WITH BROKEN FRAME

AND CRAC¥ STOPPER
(FOREIGN OBJECT DAMAGE AT 1.5¢ PLUS PRESSURE)

FIGURE 2. FUSELAGE DAMAGE TOLERANCE SIZES FOR STRUCTURAL DESIGN

FIGURE 3. WING DAMAGE TOLERANCE SIZES

BAD FAIL-SAFE DESIGN

, STRESS CONCENTRATION
(a) AT FIRST FASTENER (b)
CIRCUMFERENTIAL SPLICE LONGITUDINAL SPLICE

(c) (d)
FIGURE 4. FUSELAGE STRUCTURAL DESIGN DETAILS
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t
(b) CRACK WILL RUN INTO HOLE

%R

STAGGERED RIVET ROWS

FIGURE 5. WING DESIGN FEATURE

FIGURE 6. FUSELAGE SHELL CROWN AXIAL P/A STRESS DISTRIBUTION

CALCULATED ALLOWABLE (KSi)

MATERIAL | SMALL TEE SMALL HAT
707576 1648 1360
201476 2160 1840
7078173 2768 182
202413 3920 3648 |

—— A -

80
2l
60
aesoun. %0
STRENGTH 40
(KSI) 30
20
10
0
0

FIGURE 7. RESIDUAL STRENGTH FOR TWO-BAY CRACK WITH FAILED CENTRAL
SMALL STIFFENERS

2 4 6 8 100 2 4 6 8 10

HALF CRACK LENGTH a (IN.)
(2) SMALL TEE (b) SMALL HAT




[ CALCULATED ALLOWABLE (KSi) ]
MATERIAL LARGE TEE LARGE HAT
707516 1728 1472
201476 2288 1952
7075173 2960 2528
202413 4256 3872
80 x> W
= A 2
701 A7075.T6 - NETAREA04865IN2 |A7075T6 . NETAREAOS1ZLIN.
B 2014.16 8 2014.T6 3
60| ¢ 7075-173 N C 7075-173
GROSS 50 D 2024-73 o Dmg&f!
RESIDUAL \ y\ ) )
STRENGTH 40| e £ DESIGN - X
(KSh) STRESS == b STRESS = ;
30 3 ¢ ES =
S AR - o c
20 i e s NS A - ~_—+8
7 = —_ - 0——‘
10
0

0 2 4 6 8 10 0 2 4 6 8 10

HALF CRACK LENGTH a (IN.)
(a) LARGE TEE (b) LARGE HAT

FIGURE 8. RESIDUAL STRENGTH FOR TWO-BAY CRACK WITH FAILED CENTRAL
LARGE STIFFENERS

80 008 1
I3 g
70 225
60 | 0656 }
GROSS 50 1
RESIDUAL

RESIDUAL ( 41.6 KSI

STRENGTH 40 STRENGTH
(KSI) 3812 ksl N A {
30t z )
1594
20| STIFFENER Fy, - 82Ks| :
18 SKIN K¢ = 158 KSI1/IN.
STIFFENER SPACING 80 IN.
o 1 1 1 A AL J
0 2 4 6 8 T ;

HALF CRACK LENGTH 3 (IN.)

FIGURE 9. RESIDUAL STRENGTH COMPARISON — TWO-BAY CRACK WITH CENTER
STIFFENERS FAILED

_~—LOCAL BENDING

™ e
Th
CRACK LENGTH

INTERNAL PRESSURE —

S dde aSdulitds

FIGURE 10. EFFECT OF BULGING DUE TO PRESSURE AND CURVATURE
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HALF CRACK LENGTH a (IN.)

(a) CENTER CRACK STOPPER FAILED

(b) CENTER FRAME AND CRACK
STOPPER FAILED

FIGURE 11. RESIDUAL STRENGTH DIAGRAM — FRAMES WITH CRACK STOPPERS

RESIDUAL STRENGTH (KS1)
707516 476 | 7075173 | 202413
WITH CRACK STOPPER CENTER CRACK STOPPER FAILED 1696 2256 2912 5120
CENTER FRAME AND CRACK STOPPER FAILED 1280 1680 2160 37.76
NO CENTER CRACK STOPPER CENTER FRAME INTACT 1152 1520 1920 3440
60 ciar A 7075.T6 -0
~ -~ CURVED B 20146 i F !
sof C 7075173 o ; " ‘
GROSS © D 202473 |
RESIDUAL 0071+~ 45
STRENGTH 39
(KS) |
20 L |
t
¥
0 e 1 1 i T 0.071
0 4 8 12 16 20 24

HALF CRACK LENGTH a (IN.)

FIGURE 12. TWO-BAY LONGITUDINAL CRACK FRAMES, ONLY CENTER FRAME INTACT
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(s) TWO-BAY CRACK CENTER STIFFENER SAW-CUT

b,

i e

(b) AFTER FINAL FAILURE
FIGURE 13. FLAT CIRCUMFERENTIAL CRACK TEST PANEL
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b
=

GROSS

RESIDUAL
STRENGTH

(KS1)

(e)

FIGURE 14. TEST RESULTS — LARGE TEE LONGERON, 7075-T73 SKIN

SKIN K 11045 KSI\/jN.
STIFFENER Fy, 8444 KSI

‘ j
PREDICTED 27.2 KSI FAILURE [

1 n 2 L

231 Ks1

FAST 5
ekt |

SKIN K¢ 10086 KSI | /IN.
STIFFENER Fy,, 84.083 KSI

PREDICTED FAILURE 280 KSI-

2 4 6 8 100
HALF CRACK LENGTH
(a) SMALL HAT

2 4 6 8 10
a (IN.)

(b) LARGE HAT

FIGURE 15. RESIDUAL STRENGTH TEST CORRELATION — HAT SECTION LONGERONS
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RESIDUAL
STRENGTH
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-
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SKIN K, 98.16 KSI /N,
STIFFENER Fy, 83.0 KSI

SKIN K. 8329 KSI\/IN.
STIFFENER Fy,, 8269 KSI

ol

2 4 6 8 10 0 2

HALF CRACK LENGTH a (IN.)

(a) SMALL TEE

(b) LARGE TEE

FIGURE 16. RESIDUAL STRENGTH TEST CORRELATION - TEE SECTION LONGERONS
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80 SKIN K. 117.48 KSI\/iN
STIFFENER Fy, 84.44 KSI
70
N
6o |
GROSS \
RESIDUAL 50 .
STRENGTH FAILURE -
(KSI) 40 I \
A T
%0 SN e 312 NN
2654 o —— R
FAST SR )
20" FRACTURE & g2
< ~ ®
10 PREDICTED FAILURE 29.12 KS|
0 e 1 = & i
0 2 4 6 8 10 12

HALF CRACK LENGTH a (IN.)

FIGURE 17. RESIDUAL STRENGTH TEST CORRELATION — SMALL HAT LONGERO®X
(DISPLACEMENT COMPATIBILITY METHOD)

\
- TWO BROKEN STIFFENERS

GROSS 50 2024-T3 SKIN K¢ 197,87 KSI\/IN.

RESIDUAL STIFFENER Fy, 860 KSi
STRENGTH 40 +
(KSI) -
L w
o <] —— = 2792 KS| FAILURE
- PREDICTED 272 KSI
20 &
5 |
i § 1
10 = ‘ o
0 1 1 N e 1
0 4 8 12 16 20

HALF CRACK LENGTH a (IN.)

FIGURE 19. CORRELATION OF ANALYSIS AND TEST — THREE-BAY CRACK WITH TWO
SAW-CUT LONGERONS (SMALL HAT — 2024-T3 SKIN)
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GROSS
RESIDUAL
STRENGTH
(KS1)

GROSS RESIDUAL
STRENGTH (KSt)

80

70

g

BROKEN STIFFENER

o e S I

2024-T3 SKIN K¢ 19787 KSIV/IN.
STIFFENER Fyy, 8607 KSI

1 1 - |

1 ; 3
] 8 12 16 20
HALF CRACK LENGTH a (IN.)

FIGURE 20. CORRELATION OF ANALYSIS AND TEST — THREE-BAY CRACK WITH TWO
SAW-CUT LONGERONS (SMALL TEE — 2024-T3 SKIN)

2024-T3 SKIN K¢ 197.87 KSI/IN.
STIFFENER Fy,, 81.84 KSI

3429 ksl
FAILURE /|
5 g
&z ﬂ'
@5
y 1 1 1 a——
4 8 12 16 20

HALF CRACK LENGTH a (IN.)

FIGURE 21. CORRELATION OF ANALYSIS AND TEST — THREE-BAY CRACK WITH TWO
SAW-CUT LONGERONS (LARGE TEE — 2024-T3 SKIN)

FIGURE 22. 120-INCH-WIDE, FLAT, LONGITUDINAL CRACK TEST PANEL




l"l', g i o oo s
35 F
0y CENTER FRAME
STRENGTH
25+
GROSS = i,
RESIDUAL 170 KSI Wi -
STRENGTH 15} .
(KSI) FRAME WITHOUT CRACK STOPPER ; &
SKIN K¢ 9276 KSI\/IN. §| g| 8|
10 FRAME Fy, 750 KSI = /&
FAST FRACTURE
5f FAILURE
ARREST
7075-T73 SKIN
o = = N i1 1 |
0 4 8 12 16 20 24
HALF CRACK LENGTH a (IN.)
FIGURE 23. RESIDUAL STRENGTH TEST CORRELATION — FRAMES WITHOUT CRACK
STOPPERS, CENTER FRAME INTACT
<
38 | REINFORCED
CENTER FRAME STRENGTH
30 L
25
GROSS
RESIDUAL i
STRENGTH 173KSI_ = X ——
(Ksh 15 | FRAME WITHOUT CRACK STOPPER /| i l
SKIN K¢ 91.73 KSI /IN. y §[ / { p[
10 | FRAME Fy, 750 KSI FaE 5
FAST FRACTURE
FAILURE
s} ARREST
0 s 1 1 1 I —
() 4 8 12 16 20 24
HALF CRACK LENGTH a (IN.)
FIGURE 24. RESIDUAL STRENGTH TEST CORRELATION — FRAMES WITHOUT CRACK
STOPPERS, INTACT CENTER FRAME REINFORCED
b |
|
30 }
Gross B[
RESIDUAL
STRENGTH 20|
(KSI)
15 |
100 o
Kc 9557 KSIVIN.
i TITANIUM CRACK STOPPER Fy, 15875 KSI
0 il - - i - 1 -
0 4 8 12 16 20 24

HALF CRACK LENGTH a (IN.)

FIGURE 25. RESIDUAL STRENGTH TEST CORRELATION — FRAME WITH CRACK
STOPPERS. CENTER CRACK STOPPER FAILED. CENTER FRAME REINFORCED

9-17

)
i




9-18

FIGURE 26. DC-10 WING LOWER SURFACE TEST PANEL
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FIGURE 28. LOWER WING SURFACE RESIDUAL STRENGTH TEST PANEL (HEAVY SECTION)
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ANALYSIS OF AIRCRAFT STRUCTURE
USING APPLIED FRACTURE MECHANICS

D.P. Wilhem
Northrop Corporation
Aircraft Group
3901 West Broadway
Hawthorne, California 90250

SUMMARY

In many instances,an aircraft designed and analyzed for a particular set of usages is placed in a ser~
vice environment which is more severe than originally planned. The consequence of this occurrence is that
many design details such as cutouts, holes, etc., are placed in a spectrum of loads which result in higher
operating stresses. In the original full scale fatigue test, a different (design usage) spectrum is usually
employed, and can only indicate fatigue critical areas. Using the finite element approach with stress in-
tensity values and usage spectra, estimates are made of the crack growth life for a part-through-crack at
a cutout. These data are then used to establish inspection intervals. Three (3) distinct spectra were
developed to represent usage, and analytical/experimental correlation was made for those spectra. In the
majority of cases, good agreement was obtained. For these cases where the correlation is not good, re-
finements need to be made to the stress intensity solutions and/or the crack growth model. The reliance
on more than one method of analysis is recommended for stress intensity evaluation (i.e., analytical, fi-
nite element, semi-empirical, etc.) of fatigue and fracture-critical areas. A comparison of the methods
used in determining crack growth parameters sometimes indicatesthat the added cost of a more complex tech-
nique is not warranted, particularly when parametric design studies are involved. The use of a newer
approach to the prediction of both fatigue crack growth and residual strength,employing a wide range re-
sistance curve,is promising. Its usefulness in pinpointing differences in the cutout problem is given.

1. INTRODUCTION

Evaluating a fatigue or fracture critical part involves many disciplines. Once external loads are
determined, they must be translated to internal loads. Then the spectrum of loads can be developed, de-
pending on mission, mission-mix, etc. Examination of service structure can give an insight into the areas
which are prone to cracking, and at which initial crack length to start the analysis. Due to changes in
the spectrum, areas which were fatigue sensitive can become fracture critical. Evaluations of redesigns
(fixes) must be assessed so that inspection intervals can be established. With confidence in the analysis,
it is possible to experimentally check the validity of the analysis and establish inspection intervals.
Differences not previously observed between through-the-thickness and part-through-thickness cracks are
shown using a fatigue crack growth resistance approach.

2. LOADS/SPECTRUM AND EQUIVALENT CRACK GEOMETRIES

2.1 Influence of Loading Variables on Spectra and Loads

High performance aircraft loads are generally derived from the following:

Symmetric and Unsymmetric Maneuvers
® Abrupt Pitch Maneuvers

° Gusts

° Store Ejection
° Landing
Ground Handling (Taxi, Braking, Turning, etc.).

In new systems, loads data are based on past experience with similar type aircraft. The mission se-
quencing of the loads is initially derived from military standards or federal regulations. Many times,
fatigue cracking problems arise due to usage changes and result in more severe usage than originally in-
tended and/or designed for.

Figure 1 shows composite maneuver spectra for one aircraft type. There are small differences in load
factor occurrences at low load factor, for various usages. At load factors >5G there are large differences.
These are reflected in typical lower wing skin stress (at some area near the main box) noted in Figure 2.
Fatigue and subsequent fracture problems occur when an aircraft initially designed, and full scale fatigue
tested to a training spectrum, is placed in an aerobatic role, for example. A change in environment of
this type can possibly lead to a 20 fold increase in occurrences of limit design stress. The establish-
ment of inspection intervals for new usage is most important. Areas which are prone to cracking must be
analyzed by fracture mechanics techniques. This also applies to any "fixes'" or life improvements which
may be proposed to increase service life.

2.2 Inspection Summaries

Much information can be gained from destructive inspections of any structure. This procedure is be-
coming more common to provide QC the frequency, size, and other data on crack sites. Data obtained from
one wing evaluation, where 212 holes were destructively split open, indicated the trends shown below after
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fractographic examination. Tetal fatigue spectrum loading sequences were on the order of four (plus)
lifetimes.

° 86% < 0.005-Inch Deep
¥ 9% 0.006-0.010 Inch Deep
® 3% 0.011-0.020 Inch Deep
® 2% > 0.020-Inch Deep

Ten cracks deeper than 0.010 inch:

8 Fastener holes, 0.043"max.
°® 2 Drain holes, 0.037"max.

Most cracks near center of hole, not at skin-substructure interface.

Most importantly, of ten (10) fastener holes located in a fatigue critical area, seven (7) contained
cracks which were considered as too small for NDI detection. This breakdown is typical of the inspection
done on high performance aircraft wings. Information of this type can be used to establish initial flaw
sizes for analysis, setting NDI limits, etc.

3. NONLINEAR FRACTURE MECHANICS ANALYSIS AND TEST

3.1 Root Radius of Wing Skin-Linear Elastic Analysis

A problem area under consideration is a lower wing skin, cracking in the area of the wing to fuselage
attach rib. The original geometry consisted of a 127 cm radius shown as the dashed line in Figure 3, which
was subsequently changed to a 7.62 cm radius. Details of this area are shown in Figure 4.

As an initial effort, LEFM analysis was attempted of this area since spectrum analysis indicated
fatigue problems in the region along with in-service data. In addition, the usage had changed and pro-
duced a more critical condition. Large panel spectrum testing was planned, and predictions were required
for those data. Closer examination of Figure 4 indicates that a true radius is not the actual condition.
Therefore, an "active chord" was chosen for the analysis. This chord was selected to have a length equal
to the radius, in both cases. A chord can be treated as a notch, and since cracks at radii solutions are
not available, the deep notch solution was used from Reference 1. The solution required modification to
treat the part-through-thickness crack (PTC), occurring in practice. Stress intensity values were obtained
for the PTC condition, using superposition principles, i.e., "active chord," through-the~thickness crack
(TTC) solution (Reference 1), modified for PTC behavior and back surface magnification. The details of
this procedure are given in Reference 2. A PTC in the 1.27 cm radius (a/c = 1.0) produces the normalized
stress intensities (Betas) shown in Figure 5. It is of interest to compare the TTC geometry solution for
this problem with other solutions, assuming a full 1.27 cm radius to evaiuate the severity of the problem.
Figure 6 shows these data. A cracked finite element solution compared to the Reference 1 solution, shows
good agreement. However, large stress intensities for short crack lengths are observed, which is indicative
of the influence of the full radius on K. It was believed that the more realistic case was to use a chord
geometry.

3.2 Root Radius of Wing Skin - LEFM Prediction and Test Data

Several large panel tests of the geometry shown in Figure 7 were tested using offcenter loading in
spectrum fatigue to produce a gradient in the radius. There was no preflaw, but cracking was measured from
the radius after initiation. These panels were 2.4m long and 0.3m wide with two (2) 7.6cm radii simula-
ting the wing, to determine the design life improvement. Details of these tests are reported in Reference
2. A prediction was made of crack growth (without retardation), using the K's obtained by superposition
in the manner just described, changing the active chord to 7.6cm. The predictions, assuming a TTC and PTC
of 0.005 inches is shown in Figure 7, along with the test data. Note the long life for the PTC prediction.
The test data is better fitted by the TTC prediction. Examination of the strain gage data provided the
explanation for this trend in rapid crack growth.

The panel test stress gradient was established as determined from a local NASTRAN finite element model
of the areas between the root rib to gear rib of the aircraft. It did not contain the substructure in the
model,and as a result, gave a larger than anticipated edge (radius) stress. This area was remodeled, in-
cluding all substructure, and a more realistic gradient was obtained, The test gradient and new gradient
(dashed line) are shown in Figure 8. Note that the stress is in terms of local limit stress. Even though
the new model gives lower limit stress, it is at the material yield strength on the radius edge. The in-
dications obtained analytically, i.e., plastic behavior for peak spectrum stresses were confirmed from the
strain gage test data on large panels shown in Figure 9. This strain-time plot, recorded at zero load, in-
dicates plastic behavior as far as 0.8 inch from the radius edge.

These data indicated that an elastic~plastic analysis was necessary. This analysis was given in the
first lecture. Its application to the fatigue crack growth problem is presented next.

3.3 Coupon Geometries and Gradient Matching

The NASTRAN finite element models for the 1.27 and 7.62cm radii were selected to match the wing struc-
tural model stress gradients. An intermediate radius of 3.8lcm was also selected for analysis, to deter-
mine trends between varying radii. The stress gradient results obtained from the model of the coupons for
the geometries shown in Figure 10 were compared with strain gage data on the actual test coupon. Seven (7)
gages were placed in line along the centerline of the radius. The comparison between model gradient and
coupon stress gradient is shown in Figure 11, The agreement is considered quite good. Also note that
the edge stress for all coupons is quite large (K. > 2.2), and emphasizes the need for an elastic-plastic
analysis. The 7.62cm radius shows a lower stress gradient than the two (2) smaller radii. This is due
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to the offcenter loading of the model and coupon. The coupon geometries are shown in Figure 12, and matrix
of test coupons and loading conditions in Table 1. In explanation of Table 1, the following parameters
were under study.

Two (2) alloys of 7075

Part-through and through cracks

Three (3) radii

Constant amplitude and spectrum loading.

© 0o o o

Fatigue crack growth data would be obtained from specimens 1 through 9 in a nonlinear stress field.
Edge stress was selected to be half way between the yield and ultimate. Some modification of the LEFM
crack growth equations would be necessary to treat nonlinear fatigue stress.

TABLE 1 - TEST SPECIMEN MATRIX

can/ TYPE | RADIUS THICKNESJ WIDTH MAXIMUM MATTIOM ENLTTAL ANATEAL
SPECIMEN STRESS CRACK CRACK
MATERIAL OF (inch) |(inch) LOAD
NO. CRACK | (1nch) éin) A LENGTH DEPTH
ps (inch) (inch)
A (psi)

1 7075-T651 | PTC 0.50 0.422 6.00 65.0 25622 0.016 0.087

2 7075-T651 | TTC 0.50 0.422 6.00 65.0 25622 0.020 —

3 7075~T7351| PTC 0.50 0.521 6.00 63.5 20313 0.002 0.009

4 7075~T7351 | TTC 0.50 0.521 6.00 63.5 20290 0.007 -—

5 7075-T7351 | TTC 1.50 0.521 6.00 46.0 14710 0.013 -—

6 7075~T7351 | TTC 3.00 0.523 8.00 105.0 25095 0.065 _—

7 7075~T7351 | PTC 3.00 0.521 8.00 105.0 25191 0.016 -_—

8 7075~T7351 | PTC 3.00 0.515 8.00 105.0 25485 0.050 0.050

9 7075~T7351 | TTC 3.00 0.524 8.00 105.0 25047 0.047 _—

10 /A 7075~-17351 | PTC 3.00 0.514 8.00 58.5 14226 0.051 0.056

(ES PTC Corner Crack at the radii
TTC Through-the-thickness crack at the radii

125 Gross area stress
& Spectrum Test

3.4 Application of J-Integral to Fatigue Crack Growth Prediction

The analysis of fatigue crack propagation in isotropic, homogeneous structural elements, has been
accomplished with varying success by a number of investigators. The method often employed, involves the
fatigue testing of standard specimen configuration such as a compact (CS) or center cracked tension speci-
men (CCT). The coupon is repeatedly loaded sinusoidally at a particular frequency, constant amplitude load
level and stress ratio. The crack length is measured at intervals during the test. From this data the
crack growth rate da/dN, that is, the crack extension per cycle can be calculated. If the crack growth
rate is described as a function of a crack growth index such as stress intensity factor range (AK), a crack
growth model can be formulated that will relate the index parameter to the crack growth rate.

The success of any crack growth life prediction technique is measured by its ability to reproduce the
crack growth behavior of the tests on which it is based. To date, over one hundred (100) crack growth models
have been proposed. Most of the models emphasize certain crack growth factors such as environment, fre-
quency, or stress ratio over other factors. Nearly all of the models contain constants in their equations
that must be mathematically fitted to the test data. These constants are usually material dependent so
that a different set of constants are needed for each material or product form under consideration.

The crack growth rate in aluminum alloys is particularly susceptible to the influence of stress ratio
R, (R = omin/ omax.) where "R" is the ratio of minimum to maximum stress in a cycle. The environment sur-
rounding the crack tip also effects the crack growth rate. FitzGerald (Reference 3) has proposed a model
that accounts for both of these factors. The crack growth rate may be expressed as:

da

dN . Kmax [(Kmax * Kenv)(1 R)]

C and m in the above equation are material constants and Keny is an environmental factor that is a function
of Kpax, the test environment and the material. It has been noted that K,,, can be separated into three
(3) regions of crack growth rate, a linear varying lower region, a plateau, and an exponentially increasing
upper portion. In this program, it was found that this equation matched the crack growth rate data in the
upper portion of the curve better than the more widely used model such as that proposed by Forman (Refer-
ence 4). Fatigue crack growth data for 7075-T7351 and 7075-T651 aluminum plate were obtained from compact
specimens at a stress ratio of 0.10 in the linear elastic range. Equation 1 was fitted to the data mea-
sured from these tests.

In linear elastic fracture mechanics,the stress intensity factor is commonly used as the index parameter
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for crack extension. The stress intensity factor for an edge crack in a semi-infinite sheet subjected to

tension has been determined using series type mapping functions with the complex variable stress-function
method. For Mode I crack extension K may be expressed as:

K = 1.12 o«ma (2)
The free surface correction factor for this geometry is 1.12.

As shown previously, finite element analysis may be used to calculate the J-integral or ,£1 , the
strain energy release rate. For small values of applied stress, the results of the J-integral analysis
may be equated to the stress intensity factor K where:

&

J=E 3)
or K =+JE %)
An effective stress intensity factor Keff can be calculated where:

Keff = oA a ¢(o, Ke) A(a)y (5)

where ¢(o, Ke) = plasticity correction factor Kp/Ke

A(a) = correction factor for the stress concentration (Figures 5-4)
Y = front free surface correction factor.

This effective stress intensity factor can be used directly as the index in the crack growth rate equation
thus:

da 2
o (Kmax)";ff [(Kmax)eff * l(env](l‘_R)] (6)

where the constants C, m and Kenv are the same as those defined previously.

The effective stress intensity factor for a corner crack can be developed in a similar manner. A
shape parameter Q is introduced that adjusts the through-crack solution to treat a surface crack. Q is
the square of an elliptic integral of the second kind. Newman, Reference 5, has developed a simple ap-
proximation of Q which is used here. The elastic stress intensity factor for a quarter elliptical crack
will vary along its periphery. For a/c ratios greater than 1., the point of maximum stress intensity will
occur near the surface of the plate. At this point, K may be expressed as:

K=o0 [EGE Y 7)

Near the surface of the plate, the back surface has been found to have little effect on the magnitude of

the stress intensity factor and, therefore, its effect has not been included. If the applied stress ex-

ceeds linear elastic fracture mechanics limits, then an additional factor to account for the effect of

plasticity must be introduced. The stress intensity factor for this case is:

/T a (o, K) Ma) v (®)
Q

l(eft' st

The functions ¢(0,Ke) and A(a) are the correction factors for plasticity and stress concentration respective-
ly. The procedure used here is similar to that of "Compounding Stress Intensity Factors"(Reference 6).
Note that the procedure requires a modification for PTC behavior. If:

Kelastic (TT¢) = Jelastic(TTC) g )
and
K a x E (10)
plastic (TTC) plastic(TTC)
for a given stress then:
K = K Jelastic
plastic (TTC) elastic (TTC)\[3;I;;:I: (11)

in Equation 11, %5 is the plasticity correction to be multiplied by the elastic K for a PTC at a given
stress level. P

1.5 Constant Amplitude Fatigue Crack Growth Data Correlation

Figure 1) is a summary of the test data for the various radii specimens. The following conclusions
an b made regarding these data.

1851 aluminum shows a more rapid fatigue crack growth than 7075-T7351 (CAN 2, 4 and 1, 3) for
the same flaw geometry.

e srememcw of 4 part-through-the-thickness (PTC)crack will result in a factor of ten increase in

W it swer s through-the-thickness crack (TTC), regardless of 7075 alloy temper (i.e., com-
. - 5 1646, 657,848)9).

e ot -
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As an example of the type of correlations obtained in this study, Figure 14 and 15 shows the 1.27cm
radius results. The differences shown in these two (2) figures is due to material alloy. A typical LEFM
based prediction is shown in Figure 14. Note the long life prediction which occurs. The elastic-plastic
prediction is shown to agree quite well with the data.

3.6 Spectrum Fatigue Crack Growth and Variations

The stress gradient was used in the analysis, as shown in Figure 11, for the 7.62cm radius. Stress
intensities were computed as described in 3.4. The correlation for this spectrum test is shown in Figure
16, which appears to be quite good.

Using the pin loading gradient of Figure 11 for the 1.27cm radius (all coupons were clamp loaded),
predictions of spectrum loading were made. This prediction is shown for a typical training spectrum in
Figure 17, along with the results obtained from strain gage gradient. Good correlation is noted for analy-
sis, thus, proving confidence in the analytical technique. Also indicated in Figure 17 is the analytical
prediction from a more severe spectrum for the same material. This large decrease in crack life should be
considered in planning inspection intervals.

4.0 USE OF CRACK GROWTH RESISTANCE TO EXPLAIN PTC AND TTC BEHAVIOR

The constant amplitude fatigue crack growth data from CAN 3 - 9 (see Table 1) was analyzed using the
method described in Reference 7 to determine the resistance to fatigue crack growth. These data have been
separated into thru-thickness and PTC data, and are shown in Figure 18. The method of analysis will not
be described in detail here, but essentially assumes that fatigue crack growth per cycle is similar to the
static crack extension resistance curve when stress ratio is near zero. The elastic/plastic data of Figure
18 shows differences between the TTC and PTC data. Theory indicates that there be no difference between
resistance curves for a given material, thickness and test environment - as long as the stress intensity
is computed correctly. The differences in resistance curves of Figure 18 can be explained by the assump-
tions used in the development of the stress intensities for the elastic/plastic PTC. Comparison of the
fatigue crack growth resistance data obtained for the TTC specimens of this study with those data obtained
from LEFM data (same material, compact specimens), indicate similarity of curves. Therefore, the higher,
PTC resistance curve indicates that the elastic/plastic "K's" would need to be modified for other factors
such as flaw shape change, back surface magnification, etc., which would alter the stress intensity. The
reduction in K required to produce similarity in resistance curves is on the order of the differences no-
ted in life predictions.

5.0 PREDICTION OF SPECTRUM CRACK GROWTH AT COCKPIT LONGERON

The cockpit longeron cutout analyzed in both coupon and structural models using finite elements, was
spectrum tested. The results of the coupon tests are shown in Figure 19. Note that the same procedure
was used here to predict spectrum growth as was used for the larger radii coupons. The prediction using
retarded growth is not in agreement with the data. In fact, the agreement using unretarded growth is not
good. Several factors are influencing the prediction of this data. Many have been mentioned already, i.e.,
varying a/c with crack growth, inability to accurately predict PTC - K's, etc. However, it is apparent
from this lack of correlation that more research is needed in developing a more accurate retardation model.
This becomes more important when other than plane strain behavior (i.e., mixed mode) occurs as in this cut-
out situation.

6.0 CONCLUSIONS

A J-integral approach, with modified stress intensities, can be successfully used to predict elastic-
plastic fatigue crack growth.

Using finite element data, structural stress gradients can be matched by coupon testing, using finite
element models of the coupon. These gradients (analytical or experimental) can then be used in predicting
the fatigue crack growth behavior for the structure in question.

More research is required into the fatigue crack growth model to predict those structures which show
mixed mode cracking.
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DAMAGE TCLERANCE IN PRACTICE

David Broek
Battelle's Columbus Laboratories
505 King Avenue
Columbus, Ohio 43201

1. INTRODUCTION

This paper discusses some practical aspects in the application of damage tolerance criteria in the
design and operation of aircraft, including the complete fracture control plan. Various authorities have
issued rules specifying the required damage tolerance of the airplane structure. These rules will be
briefly discussed first. Thereafter, the problem of the application of safety factors will be addressed
once more, particularly from the point of view of crack-growth predictions. This will lead to the con-
clusion that substantial testing is still necessary (and also required by the authorities). Therefore, a
brief discussion of damage tolerance testing will follow. Finally, the potentials of fleet monitoring
will be addressed, because this practice offers a possibility for a continuous updating of the predictions

of life expectancy, which facilitates management decisions. Fleet monitoring is a logical extension of the
fracture control plan.

2. DAMAGE TOLERANCE REQUIREMENTS

2.1. Civil Airworthiness Requirements

The implementation of damage-tolerance requirements presents many practical problems. The requirements
should be rational in

e Specifying a degree of safety that reasonably can be met in design
® Making assumptions as to damage development sequences and initial damage.
Present-day airplanes with good safety and economy records should meet the requirements.

The U. S. Federal.Aviation Administration has recently adopted new rules in FAR 25 for damage tolerance
of civil airplanes(l). These rules can be found in Reference 2, together with several other proposed rules,
the most important of which, are those put forward by the JAR Committee, a joint committee of European
Airworthiness Authorities. FAR and JAR rules differ in details but not greatly in their intention. The
major differences are in the Means of Compliance provided as an Appendix to both sets of rules and giving
an interpretation of those rules. The actual rules can be summarized in a few sentences:

If fail-safe (damage tolerant) design is impractical, adequate fatigue life should be shown by analy-
sis and tests. The residual strength shall always be sufficient to sustain Ultimate Load.

In all other cases, the structure should be shown fail-safe (damage tolerant) by analysis or tests or
a combination of analysis and tests. 1In principle, the residual strength shall always be sufficient to sus-
tain Limit Load. The extent of damage for residual strength evaluation shall be consistent with the initial
detectability and subsequent growth under repeated loads. Emphasis is on detection. Realistic load se-
quences should be used.

The rules leave most of the necessary assumptions and assessments to the designer. Obviously, the
Authorities will have the option to challenge such assumptions. The appendices to the rules clearly show
the intent of the regulations: where reasonably possible the structure should remain safe if cracks de-
velop, the crack growth period should be sufficiently long so that the cracks can be detected during
scheduled inspections at reasonably long intervals, Naturally, a long inspection interval is economically
more attractive to the operator. Thus the manufacturer will strive to attain sufficiently low growth rates
to allow long inspection intervals, because this will add a sales argument.

2.2. The USAF Requirements

The USAF is in the process of implementing a general and overall fracture control plan. The back bones
of the plan are the "Aircraft Damage Tolerance Requirements' of Military specification MIL-A-83444(3) and
the "Airplane Structural Integrity Program' of Military Standard MIL-STD-1530(4). The first document speci-
fies the design criteria for aircraft with respect to damage tolerance, the second document provides the

principles of the fracture control plan and specifies the information required from the manufacturer to
permit implementation of the plan by the USAF.

The requirements distinguish three types of structures —

(1) Slow-crack growth (SCG). Sudden failure by unstable crack extension at a high load would
cause loss of the airplane.

(2) Multiple-Load Path (MLP). Sudden failure of one member (one load path) is not catastrophic.
Other members share the extra load.

(3) Crack-Arrest Fail-Safe (CAFS). Sudden rapid crack extension at a high load is not cata-
strophic. Crack arrest will occur in reinforced areas (e.g., at stringers).

A structure can be either inspectable or noninspectable. For an inspectable structure, it has to be assumed
that a crack of a certain size can be missed during an inspection. This crack may not grow to critical at a




specified load within a certain period. For the case where the crack would terminate, e.g., in a hole
before it becomes critical, continuing damage is assumed at the other side of the hole.

A summary of the USAF requirements is presented in Table 1. It is specified that an initial crack of
0.005 inch shall be assumed at every structural hole. At the critical locations a crack of 0.05 inch must
be assumed if the structure is of the slow crack growth type, whereas a 0.02-inch crack must be assumed if
the structure provides for multiple load paths or crack arresters. Depending upon inspectability and type
of structure these cracks may not grow to critical within a specified period at a specified load. If the
cracks are inspectable, it must be assumed that a crack of a certain size can escape detection. The re-
quired life of this crack to critical is also specified. Since critical cracks may occur in multiple load
path and crack arrest structure, requirements are also given for remaining life and strength after a crack
instabilicy.

In all cases existing damage is based on assumptions — which are rather arbitrary. Since small cracks
grow slowly and large cracks more rapidly, the resulting crack-growth life is extremely sensitive to the
initial damage assumptions. As the basis for the initial flaw assumptions is weak, there is no way to
estimate the built-in degree of conservatism. Therefore, SCG structure may be unduly penalized by the re-
quirement of both a longer crack life and a larger initial flaw. The penalty should rather be in the life
requirement only.

Due to the continuing damage assumptions, it appears difficult to satisfy the postinstability require-
ments for MLP and CAFS structure, even if these structures amply meet the primary requirements. In that
case, the primary requirements become more or less superfluous.

A rationalization of these requirements could be attained if

® The damage assumptions were abolished

® Necessary crack-growth calculations were immediately backed up by a number of specified tests
® Inspectability were to be proven

® The postinstability requirements were relieved

® As far as possible, only natural damage developments were considered

e The requirements would rely heavily on tests.

It should be noted that {f a structure i{s qualified as noninspectable, the requirements do hardly more
than specifying a SAFE LIFE requirement instead of a FAIL-SAFE or damage-tolerance requiremeant. The only
difference is that the SAFE LIFE has to be determined on the basis of a crack growth analysis with an
assumed initial crack, instead of a conventional fatigue analysis. However, this would be reasonable if
crack growth analysis were more accurate than fatigue analysis.

3. SAFETY FACTORS

Safety factors are required in a damage-tolerance analysis to account for possible variability due to
unknowns, and due to inaccuracies. A decision has to be made not only on the magnitude of these safety
factors but also on how and when they should be applied. Various possibilities exist:

(1) Safety factor on fatigue stresses
(2) Safety factor on baseline data

(3) sSafety factor on initial crack size
(4) Safety factor on final life.

A safety factor on fatigue stresses is very unattractive because of the complex nature of fatigue and
fatigue-crack growth. Calculated crack-growth rates would have no straightforward relation with actual
crack growth, and the calculated and actual retardation effects would be different. Thus, the effect of
the safety factor would be a variable, dependent upon geometry and spectrum.

A safety factor on baseline data would have similar drawbacks. In the simplest case, a constant factor,
e.g8., of 2, would be taken, independent of crack size. This means that a crack of a given size would grow
twice as fast in the calculation than in reality. Since the plastic zone size at this crack length would
not change, retardation would be effective over approximately half the number of cycles. Stresses of a
given magnitude would also occur at different crack sizes than with average data, i.e., at a different K-
level. Thus, their associated growth rate would not simply be increased by a factor of 2, but the increase
would depend on the entire previous history. As a consequence, the effect of the safety factor would vary
for different stress histories. The "safety" would also change for cases with different K-crack length re-
lations.

The situation would become more complex if the factor on growth rate would change with crack size, as
would occur with upper bound data. Moreover, it is difficult to give an unambiguous definition of upper
bound data. 1In the da/dN versus AK plot of one constant amplitude test, a few outlying data points will be
found. These may have been caused by erroneous measurements, but may also be real if the crack showed a
somewhat faster growth locally. The data sets for the next tests will give a few more outlying points;
thus causing the scatterband in the da/dN versus AK plot. In each experiment there were a few anomalous
places where crack growth was different from "normal". These anomalies are not reflected in the total
crack growth 1ife. Using the scatteiband to determine upper bound data is tacitly assuming anomalous
behavior throughout the crack-growth life.
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A safety factor on initial crack size seems an attractive possibility and needs to be explored. Figure
1 shows computed crack propagation curves(5) for a fighter spectrum for various crack configurations in
plates of different thicknesses. The curves were started at a 0.02-inch initial flaw. For reasons of
safety, one might want to assume a larger initial crack size, e.g., 0.05 inch instead of 0.02 inch. Then
the curves would start at 0.05 inch., The question is whether this would be more conservative, or not.

Let the degree of conservatism be defined as

c g

where N, , is the crack growth life of a 0.02-inch initial flaw to failure and N,y is the growth life of a
0.05-inch initial flaw to failure. The ratios N, ,/Nog were derived from Figure 1 and are plotted in Figure
2. It appears that the degree of conservatism would vary from 2.25 for a surface flaw in 0.125-inch plate
to 1.1 for a corner crack at 0.5-inch diameter hole in l-inch plate. This results from different flaw
geometries having a different K-crack size dependence, which in turn yield different initial growth rates.

It follows that taking a safety factor on initial crack size results in different degrees of conserva-
tism for different crack cases, with less conservatism for more dangerous cracks. An arbitrary increase of
the initial crack size for particular structural configurations results in unknown conservatism which may
be as low as 0.1. By the same token, a fixed initial flaw size for all cases and all materials does not
always result in the same conservatism either. Therefore, the application of a safety factor by assuming
a large initial crack size for all cases should be rejected.

The remaining possibility is a safety factor on crack-growth life. Obviously, a safety factor on
life will more nearly give the same degree of conservatism for life expectancy, independent of structural
configuration, crack geometry, and spectrum. The safety factor would be applied at the end of the calcula-
tion procedure by dividing the life at all crack sizes by the same factor; this would constitute the "safe"
crack-growth curve. The "safety' or the degree of conservatism would be quantifiable.

4. DAMAGE TOLERANCE TESTING

4.1. Necessity of Tests

The major limitations of fracture mechanics and damage-tolerance analysis were amply discussed in this
Lecture Series. It has become clear that an important drawback is the limited accuracy. However, the
accuracy of predictions is limited by the variability in properties and by the unknowns in load and stress
history more than by anything else. Thus the limited accuracy is not intrinsic to the analysis procedures
in the cases that linear elastic fracture mechanics apply. Nevertheless, the limited accuracy remains a
technical limitation which will not disappear if more refined analysis procedures are developed. Generally
speaking, an answer of limited accuracy is better than no answer at all, provided adequate safety factors
are taken into account. Comparative use of the information to judge how various measures effect the frac-
ture risk will be a more satisfactory approach. Tests on full scale components and the complete airframe
will always remain necessary, although there still remains the problem of how accurately a test simulates
actual service experience.

Two types of damage tolerance tests can be distinguished namely: design development test and full-
scale demonstration tests. These two types will be considered in the following subsections.

4.2. Design Development Tests

Design development testing may have many objectives other than those associated with damage-tolerance
performance. Therefore, the discussions in this section may not always be fully applicable. In view of
the scope of this Lecture Series, it will be assumed that the testing will be for damage tolerance sub-
stantiation only.

Under these restrictions, the objective of design development testing is to obtain the longest life
and the best damage tolerance at the lowest weight and lowest cost. In this respect, different design
concepts, design details, and structural materials are compared.

Design development testing by nature is comparative testing. That means that the test conditions do
not always have to be an exact simulation of service conditions as long as the variables considered are
tested the same way. How closely the test conditions have to resemble service conditions depends upon the
predictability of the effect of a change in conditions. Consider, e.g., the way of load application for
the case of crack growth. If there were minor differences with the service circumstances, the results
could still be translated if a proper K solution is available for the two cases. However, major differ-
ences could still give results opposite from those obtained in service, especially when the difference in
test results are relatively small.

It is recommended that a data analysis be made along the lines of the damage tolerance analysis dis-
cussed in previous lectures. This has the advantage that some of the design development tests can serve
also as analysis substantiation tests and damage tolerance demonstration tests. (In connection to this, it
is useful to have at least some of the design development test specimens strain gauged for an additional
check of the stress analysis and K analysis.)

4.3. Full-Scale Demonstration Tests

The objective of this task is to verify the structural integrity of the basic design and any necessary
modifications. Damage tolerance demonstration tests are part of the full-scale testing program. Their
purpose is to demonstrate that the airplane structure has damage tolerance properties in compliance with
the applicable Damage Tolerance Requirements, as for crack growth and residual strength.
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Crack growth and residual strength test will usually be performed on the full-scale fatigue airframes
at the conclusion of the fatigue evaluation., The amount of full-scale damage tolerance testing depends
upon the extent to which damage tolerance i{s demonstrated during design development tests. Usually it is
the manufacturer's option whether the full-scale tests are performed on a complete airframe or on separate
major assemblies thereof (wing, fuselage, empennage, etc.), provided proper care is taken that load input
and reactions are the same as in the complete airframe. Testing components introduces some extra problems
as to load reactions and load interactions with other components. As an example, for separate tests on
wing and fuselage, the load reactions of the fuselage on the wing should be simulated by supports or
appropriate stiffness at the wing fuselage joints. When testing the complete airframe, an extremely com-
plicated loading system is required and the different load histories of the various components have to be
simulated simultaneously. The changes of malfunctioning increase with the test complexity, so that the
expected down time is large.

From-the point of view of damage tolerance testing per se, there are advantages in performing separate
tests on major components, This pertains specifically to residual strength and crack arrest tests. In
those cases, the critical locations can be tested one by one. Tests on different components could go on
simultaneously. Failures would only affect the component in which they occur.

In order to achieve the complex loading condition of both the ground and in-flight situation, local
as well as distributed loads have to be applied. The local loads (e.g., those from power plants) can be
applied at the appropriate fittings. The distributed loads pose problems because the structure does not
provide for load application points. Therefore, these have to be built in, which may require minor modi-
fications of the structure. Details of various possible systems can be found in the literature(6-10),

The load history has to be a flight-by-flight simulation. Deterministic loads are to be applied in
the flight segment in which they occur. Probabilistic loads may be ordered or randomized. 1In the case of
ordering, a low-high-low sequence per flight is recommended in accordance with previous discussions, which
are applicable also to clipping and truncation questions.

In a successful full-scale test, cracks should be detected at the earliest possible time. This is
crucial for obtaining crack-growth records of the critical locations, but it is also of importance for
secondary cracks and nuisance cracks. This means that thorough inspections should be scheduled that cover
the complete test article.

The full-scale test is also a learning period. Areas of potential service problems are identified.
More i{mportant, the best possible way of inspection should be established. Therefore, a variety of in-
spection techniques should be evaluated for their effectivity at various locations.

Records can be made of the natural development of cracks and the progression of damage. The damage
development will, in generally, be different from the assumed damage development in the damage tolernace
analysis. An evaluation of the natural damage along the same lines as used in the damage tolerance &nalysis,
will prove or disprove the validity of the previous damage tolerance calculations. It will appear whether
a reassessment of the damage tolerance analysis has to be made. More important is that it will give a
direct proof of the adequacy of crack-growth life with respect to the applicable requirements.

If cracks do not develop during the period of durability testing, damage tolerance tests may be per-
formed by artificial crack starters at the critical locations. Usually, only one or two of a number of
similar locations of equal criticality will be selected. All critical locations of different design will
be selected, however, unless some can be waived on the basis of the results of design development tests.
Provided interaction of cracks does not occur, all selected locations can be precracked simultaneously to
save testing time.

The predictabi 1ity of fracture and arrest is somewhat better than of fatigue-crack growth. Therefore,
the results of the design development tests and the residual strength analysis will often be a sufficient
proof of compliance with the applicable residual strength requirements. However, it is advisable to do
some fracture testing under the complex loading situation of the full-scale test articles. In view of the
high risk of losing the test article, these fracture tests should not be conducted until all the crack-
propagation data are satisfactorily analyzed to ensure that no further crack-growth testing is desirable.
Essentially, only one fracture test can be performed. However, a fair amount of information can be ob-
tained with the proper test plan. For example, all cracks but one can be repaired in a provisory manner.
The remaining crack is loaded to 90 percent of the expected failure load. It is then repaired, while the
repair of another crack is removed and the procedure repeated. Finally, the most critical crack is taken
to failure.

It is advisable to perform a teardown inspection at the end of the full-scale test including any
scheduled damage tolerance tests. The inspection involves a complete disassembly and laboratory-type in-
spection of all critical areas, including those not anticipated in the design but revealed by the tests.

5. AIRCRAFT SAFETY

5.1. Final Damage Tolerance Analysis

During and after completion of the damage tolerance testing, a final evaluation of the compljance with
the applicable Damage Tolerance Requirements can be made. The test data provide direct information on crack
growth and residual strength for the case of natural damage development under the specific circumstances of
the tests. It shows whether crack-growth life is adequate to cover the specified inspection intervals.

A reprediction of the test data by means of the analysis procedures used throughout the design provides
a final proof of the adequacy of the analysis. Necessary changes and corrections can be made, which then
allow a final analytical proof of compliance with the damage tolerance criteria.
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If the "actual"” and "assumed" aircraft usages are reasonably similar, the design damage-tolerance
analysis provides practically all the information for the planning of inspections and repairs to ensure
safety of the aircraft. However, this ideal situation never occurs because, in practice,

(1) The aircraft is assigned new tasks — different from those anticipated
(2) The aircraft is flying many more of a specific mission than was foreseen

(3) The load spectrum derived from experience with other aircraft systems for particular
missions appears to be significantly different for the new system, as a result of a
different aircraft reaponse or as the result of a change in logistics or training habits.

Apart from the differences in aircraft usage, individual aircraft within a fleet may be subject to usage
patterns substantially different from the average assumed spectrum for that fleet. This may adversely
affect aircraft safety. Therefore, a continued updating of the damage tolerance analysis may be warranted
for a complete fracture control plan. This can be accomplished by fleet monitoring and aircraft monitoring.

5.2. Fleet Monitoring

A different usage spectrum may significantly affect crack propagation. Thus, the initially determined
safe crack-growth intervals must be continually adjusted because the future usage spectrum will continue to
deviate from the anticipated. The information obtained for actual crack-growth damage is essential to

(1) Ensure safe operation of individual aircraft
(2) Establish safe operational envelopes of the weapon system

(3) Schedule inspection and repairs for individual aircraft aad for the whole fleet, such as
to ensure a smooth maintenance schedule for the weapon system

(4) Schedule major retrofits and judge their efficiency and schedule retirement and replacement

(5) General system management to maintain a rational degree of combat readiness to which struc-
tural integrity is one of the contributing factors.

The adjustment and monitoring of safe crack-growth intervals on the basis of actual aircraft usage
has to be based on a combination of the results of a parametric study and of records of actual aircraft
usage. Analysis of this data package will provide information relative to the damage status of individual
aircraft and of the fleet to permit an appraisal of the safe crack-growth interval under certain conditions
of continued usage.

The USAF has estabiished a detailed fracture control plan in the Aircraft Structural Integrity Program
(ASIP)(4) which describes five tasks that must be undertaken to ensure structural integrity. These tasks
are summarized in Figure 3. Tasks I through IV are conducted by the aircraft manufacturer; Task V is the
responsibility of the Air Force. The compilation of the fleet management data package (Task IV) provides
the USAF with the necessary information for an efficient fleet management (Task V). As outlined in the
foregoing paragraphs, the monitoring of fatigue-crack growth is an essential part of the fleet management.
The parts of Tasks IV and V constituting the elements of the monitoring procedure are shown in the heavy-
framed boxes in Figure 3.

Apart from conducting the parametric analysis, the aircraft manufacturer has to make provisions for
instrumentation and data recording to permit records of afrcraft usage. These provisions are twofold.

(1) Comprehensive instrumentation for a few aircraft to allow a loads/environment spectra
survey. The survey is necessary to assess the applicability of the design spectrum.

(2) Simpler instrumentation for all other aircraft for routine mission monitoring. Inter-
pretation of data records is facilitated by the results of (1). It is this instrumenta-
tion, together with the parametric analysis results, that is to be used for the service
monitoring program (as part of Task V).

Although fatigue monitoring has been done in the past to some extent, the monitoring of fatigue-crack
propagation has not been practiced on a rational basis. The application of the ASIP requirements involves
many problems as shown in Figure 4. A methodology that can achieve this with sufficient accuracy on an
economical basis includes at a minimum,

(1) A rationale for a parametric analysis of crack growth

(2) Guidelines for flight data records as to the scale and nature of the quantities to be
measured

(3) Procedures to obtain information from the data records and the parametric analysis in a
relatively simple way

(4) Establishment of logistics to ensure flawless and economic handling and processing of
data records under the restrictions set by a complex system of aircraft operations.

5.3. Aircraft Moaitori

The basic data for fatigue-crack monitoring are to be obtained for the fleet and the individual air-
craft. In principle, these data should be the stress histories actually experienced at each of the critical
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locations of each individual aircraft. However, this is difficult, if not impossible, for the following
reasons:

(1) Monitoring the stresses at a large number of different locations is costly and not
very practical

(2) Direct stress recording is not possible. Another quantity has to be measured from
which the stresses can be derived for critical locations

(3) Continuous recording of analog signals is costly. Since some counting (or data
reduction) procedure will have to be used anyway, it is usually preferrable to
have this counting done on a real time basis by the recording instrument.

Therefore, a decision has to be made on (1) the quantity to be measured, (2) the location(s) of measurement,
and (3) the presentation of data (e.g., counting procedure).

As for the quantity to be measured, there is not much choice. 1deally, it would be the stress at all
critical locations, because the stress is the quantity that has to be used in the crack-growth analysis.
However, if records can be made of only one location (which may not be critical), the measurement of
stresses becomes dubious. For example, there is not a unique relation between the stresses in the wing and
the tail; hence, the stress record of a location in the wing would give no information about the stress
history of the fin or the stabilator.

Moreover, the stress history of a certain location in the wing cannot always be derived unambiguously
from the record of another location. The distribution of bending moments in the wing changes, e.g., due to
fuel consumption from the wing tanks or the disposal of external stores. If these occurrences were recorded
simultaneously, the stress at a certain location could be derived from the stress measured at another loca-
tion.

The alternative for stress measurement is the measurement of acceleration. Taking an extreme case, the
accelerations experienced by the wing tip do not bear much information regarding the stresses in the wing.
The center of gravity accelerations do, but there is no unique relation between these accelerations and the
stresses at some location in the aircraft,.

It follows that accéleration records would have to be complemented by records of speed, altitude, air-
craft configuration (stores, fuel, flaps, landing gear, spoilers). A complete description of a situation
would require measurement of acceleration along the three axes of translation and information about roll,
yaw, and pitch rates. Then a large number of variables has to be recorded. Moreover, the data reduction
cannot be done easily by the recording instrument because going from accelerations to stresses is a
complicated procedure.

Hence, it may seem more attractive to record strain directly at a fairly large number of locations,
since this would eliminate the coaversion problem. Alternatively, some additional data may be required for
purposes other than fatigue monitoring and would have to be recorded anyway. The final decision then becomes
largely a matter of economics, availability of multichannel recorders, and costs of data reduction. However,
a parametric analysis of crack growth may indicate that for a particular aircraft system, or a category of

aircraft systems, only limited information is required if strains are recorded and more if accelerations
are recorded, or vice versa.

Usually, only a few aircraft in a fleet will be equipped with instrumentation for the elaborate flight
measurements described. All other aircraft of the fleet will be monitored by a simpler device where only a
few locations will be strain gauged or only center of gravity accelerations in Z-direction will be measured.

An important problem is the number of discrete levels that should be counted in order to cbtain a rea-
sonable coverage of the whole spectrum. In this respect, the spectrum shape is of relevance. Also, it is
necessary to know which particularities of the spectrum should not be missed for proper crack monitoring.
Answers will be obtained from the parametric analysis.

Secondly, the levels themselves have to be set. Here, a problem of truncation is iavolved. The choice
of the lowest level will be derived for the total aumber of counts that is made. The setting of the highest
level determines what will be the highest loads that will be applied in the analysis. The settings of the
levels have to be selected on the basis of how well the total spectrum (including upper and lower ends,
the tails, and the GAG cycles) could be established on the basis of the counts and on the basis of the most
significant damage levels found in the analysis.

Finally, the counting procedure will have to be selected. The load history recordings that form the
basis for aircraft monitoring and the techniques of data reduciion (counting procedures) are decisive for
the reliability of fleet management. Although there is a firm knowledge on how well a certain counting
strategy describes the spectrum, there is little information on how well it describes the important parame-
ters for crack growth; neither is there much information about the number of levels to use and the height
of the levels.

5.4. Parametric Analysis

Whether or not an intensive fleet monitoring program is carried out, the fact remains that aircraft usage
may be substantially different from the assumptions made in the damage tolerance analysis. Therefore, a
parametric crack growth analysis to assess the effect of different usage is always in place.

Several schemes for parametric analysis have been proposed. Gallagher and Bader(ll) showed that if a
plot is made of a/a, (instantanesous crack size over critical crack size) versus N/N, (cycles or flights at
crack size a, over total crack life) ail data fall in a relatively small scatterband, regardless of spectrum
and geometry. This would provide a normalized growth curve for all conditions (Figure 5), useful for
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parametric evaluations. Gallagher and Bader showed mathematically that this result should be expected,
but their analysis can be easily defeated and it can be shown that their result was fortuitous.

Alternatively, it has been suggested by many authors that crack growth can be analyzed on the basis
of a parameter that is descriptive for the spectrum. For example, the stresses in the spectrum could be
adequately described in certain cases on the basis of their root mean squares (RMS) value. Thus at a
given crack size a one can define

- 3 Ma -
» AKRPS - 8 AKRHSN a . (1)

Using similarity argument one can then postulate that

da (

aN - f\AKRMS) . (2)
The function f(AKRMS) could be obtained empirically from a small number of experiments with random loading.
Subsequently, the crack growth behavior for a different spectrum could be easily obtained by directly inte-
grating Equation (2). No retardation model would be necessary, the integration would be linear and could
be performed in seconds on a pocket calculator. Unfortunately, Equation (2) is only applicable when all
conditions for similarity are fulfilled. This is nearly so when the spectrum is stationary Gaussian with
a relatively small period. Obviously it is not so when the spectrum contains many discrete events (such
as GAG cycles) and when the spectrum contains relatively few high loads.

A third possibility is to use an integration based on da/dF, the crack extension per flight. For
each parameter variation the crack extension per flight would be calculated at five to ten different crack
sizes, using for example 100 flight {ncrements at each crack size and applying an appropriate retardation
model. The resulting da/dF data can then be plotted as a function of crack size which permits establish-
ment of a da/dF curve. Linear integration of this curve provides the crack growth curve. Since cycle-by-
cycle integration would only be conducted at a few crack sizes, the calculations can be fast enough to
permit paramatric studies.

A final possibility is to use the simple spectrum evaluation technique discussed in a previous lecture,
combined with the semilinear integration discussed in the same lacture. Such a scheme would probably be
the most expeditious while it would still have acceptable accuracy. (Note that the parametric analysis is
of a comparative nature.)

6. CLOSURE

On a multitude of occasions during this meeting, the shortcomings were pointed out of damage tolerance
analysis because of its presumable inaccuracy. This pertains in particular to crack-growth computations
and to a lesser extent to restdual streangth calculations. Admittedly, the analysis procedures have short-
comings and further developes are required. However, the accuracy of the analyses should be judged against
the background of the level of accuracy that can reasonably be expected from any engineering analysis.
Furthermore, the inaccuracies due to the analysis procedure should be clearly distinguished from those due
to the data input, since the combination of the two constitutes the accuracy of the final result. If the
inaccuracy in the input data predominates in :the end result, the inadequacies of the analysis become of
secondary importance.

To consider the accuracy of an engineering analysis, the classical static strength analysis of the new
(undamaged) structure will be taken as an example. In this analysis, the modulus, the yield strength, and
ultimate tensile strength of the material are usually considered as reliable data input. Nevertheless, in
setting the design allowables a substantial margin is taken with respect to the values actually observed.
The static strength analysis is considered a sophisticated design tool. Yet, when it comes to the full-
scale test of the complex structure, it turns out that the difference between the actual static streagth
and the calculated strength can easily be as much as 10 percent. (In this respect, it should also be
recognized that the structure fails at only one place.) In view of this descrepancy and in view of possible
misjudgment of the maximum loads, a substantial safety factor is taken on the calculated strength.

It is difficult to understand why a damage tolerance analysis is demanded to have a better accuracy
then a conventional static strength analysis. It was shown during this meeting that the residual strength
of cracked complex structure can be predicted within about 10 percent also. This proves the adequacy of
the analysis at least for those applications. It was also shown at this meeting (W. Schfitz) that in some
cases the residual strength of a forged component can be largely different than predicted. However, this
was due to the inconsistency of the properties of the material, rather than due to inadequate analysis.
Obviously, in that case a residual strength test could not give more reliable information than an analysis,
nor would a more sophisticated analysis improve the prediction. Against this background, the anomalies in
the analysis methods per se, become of secondary importance. A further sophistication of these methods
would not largely improve the end result if the accuracy of the input data is not improved.

Apparently, reasonable crack-growth predictions for flight-by-flight loading can be made provided the
input data are reliable. During the progress of the design, the input data gradually become better defined.
In the early design stages, their accuracy is low. Nevertheless, computed crack-growth information can be
used in a comparative way in parametric studies, to evaluate the relative crack-growth performance resulting
from certain design changes.

At the time of component testing and full-scale testing, some actual crack-growth information becomes
available. On the basis of these data the models can be adjusted and subsequently all predictions for
other cases and other locations can be updated. As a consequence, these predictions have approximately the
same accuracy as the experimental data.

RORASIEPRI ). FRS—

poo




Py

R e

L SR

1-8

When in-flight spectrum measurements become available, a final updating of the crack-growth predictions
can be made. At that time, a final safety-factor on crack-growth life can be taken to establish inspection

intervals. (It is emphasized that safety factors anywhere else in the computations, i.e., on cyclic stresses

or on baseline data, do not permit evaluation of the margin of safety; moreover the margin of safety will
be different for different configurations. Taking a safety factor on the final outcome of the computation
is the only way to factor all computations to the same extent.) The effects of different aircraft usage
can also be evaluated. In particular, the problem of the occurrence of high loads can be analyzed, since
also the effects of spectrum truncation and clipping can be adequately predicted with a well-adjusted
crack-growth model.

Crack-growth computations may be costly, because of the long computer times involved. However, for
the application to specific cases much more efficient computation routines can be followed, permitting
the use of desk computers or even pocket calculators.

Present-day knowledge of fracture mechanics and modern stress-analysis techniques permit the predic-
tion of damage tolerance (crack growth and residual strength) of most of the airplane structure. The
techniques still have shortcomings. Also, the data required as input to the analysis do not always have
the desirable accuracy. However, shortcomings can be pointed out in the guesswork associated with any
new design. In general, designing is a projection in the future of past experience, using more or less
approximate models for stress analysis and estimating the unknowns. Confidence in the design procedures
is based upon experience and apparent adequacy in the past. The magnitude of the applied safety factors
reflects the degree of confidence.

Hence, the shortcomings of damage tolerance analysis can hardly be an excuse for postponing the
application to design, although the lack of past experience asks for some caution. In the absence of
experience, some confidence in the methodologies can be obtained from an application to existing designs,
where a comparison with service behavior can be made directly. Otherwise, confidence can only be built
by accumulating experience through cautious application.

Sometimes damage-tolerance analysis is almost categorically rejected as inadequate. The alternative
is to rely entirely on tests. However, tests suffer from some of the same inadequacies (i.e., spectrum
input, material variability). Of course, tests will always be necessary (even static strength is demon-
strated by experiment), but tests provide information for a few cases only. A combination of analysis
and tests allows evaluation of other critical locations with the possibility of updating the results.
Damage-tolerance analysis does have shortcomings. It is not yet generally applicable. Research will con-
tinue to improve the procedures. However, postponing application of the present technology — until these
new developments materialize — is no longer justified.
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TABLE 1. SUMMARY OF USAF AIRPLANE DAMAGE TOLERANCE REQUIREMENTS

Slow Crack
Growth Structure

Multiple Load Path and
Crack Arrest Structure

Noninspectable Crack
Assumed initial crack

Required life

Required residual strength

lnspectable Cracks

Assumed crack after inspection

After special NDI inspection

After normal NDI inspection

After visual inspection
Required growth period

Required residual strength

After Instability (and Arrest)

Required Growth Period

0.05 {n.
2 airplane lives

Load occurring unce
in 20 lives

0.05 in.
0.25 in.
2 inches

% airplane life

Load occurring once
in 5 lives

0,02 {n.
1 airplane life

Load occurring oace
in 20 lives

0.02 in.
0.25 in.
2 inches

} airplane life

Load occurring once
in 5 lives

1 Flight to % life
depending upon
detectability
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CATEGORY A -~ FRACTURE MECHANICS DATA AND DATA ANALYSIS

76/00/00  77N77913

ENERGY UTILIZATION IN THE US IRON AND STEEL INDUSTRY: A LINEAR PROGRAMMING ANALYSIS
Missirian, G.

California Univ., Berkeley.

AD-A039785 NA-74-862-Vol-2 AFML-TR-76-137-Vol-2  76/10/00  77N29288

FRACTURE MECHANICS EVALUATION OF B-1 MATERIALS. VOLUME 2: FATIGUE CRACK GROWTH DATA
Ferguson, R.; Berryman, R.C.

Rockwell International Corp., Los Angeles, Calif. (B-1/ Div.)

A total of 1,764 fracture mechanics tests were conducted on fourteen alloys to develop property data for use in the B-1
design. Tests were performed on aluminum alloys 2024, 2124, 2219, 7049, 705C, 7075 and 7175; titanium alloy
Ti-6Al-4V; steel alloys 9Ni-4Co-.20C, 9Ni-4Co-.30C and 300M; corrosion resistant steel Ph13-8Mo: nickel alloy
INCONEL 718; and nickel-cobalt alloy MP 35N. The effects of product form, heat-to-heat variability, grain orientation,
and heat treat condition on fracture behavior were investigated. The results of the tests are presented in tables and graphs
in detailed and summarized forms. The effects of the various material and testing variables on fracture behavior are
discussed. ABA GRA.

AD-A039883 NA-74-862-Vol-1 AFML-TR-76-137-Vol-1 76/10/00  77N29287
FRACTURE MECHANICS EVALUATION OF B-1 MATERIALS. VOLUME [: TEXT
Ferguson, R.; Berryman, R.C.

Rockwell International Corp., Los Angeles, Calif. (B-1 Div.)

A total of 1,764 fracture mechanics tests were conducted on fourteen alloys to develop property data for use in the B-1
design. Tests were performed on aluminum alloys 2024, 2124, 2219, 7049, 7050, 7075 and 7175; titanium alloy
Ti-6A1-4V; steel alloys 9Ni-Co-.20C, 9Ni-4Co-.30C and 300 M; corrosion resistant steel Ph13-8Mo; nickel alloy
INCONEL 718; and nickel-cobalt alloy MP 35 N. The effects of product form, heat-to-heat variability, grain orientation,

and heat treat condition on fracture behavior were investigated. In addition, the fracture properties of welds in Ti-6A1-4V,

Ph13-8Mo and 9-4-.20 alloys and of diffusion bonds in Ti-6Al-4V were determined. Testing variables were temperature,
specimen thickness, environment, cyclic frequency and R factor for the DA/DN tests. The results of the tests are
presented in tables and graphs in detailed and summarized forms. The effects of the various material and testing variables
on fracture behavior are discussed. ABA GRA.

77/02/00  77N22564

APPLICATION OF FRACTURE MECHANICS TO THE SELECTION OF ALUMINUM ALLOYS. PART 2: RESULTS
Bathias, C.

Société Nationale Industrielle Aérospatiale, Paris (France). (Lab. Central.)

In AGARD Fracture Mech. Design Methodology, 13p (see N77-22554 13-39)

Three approaches in the application of fracture mechanics to the selection of aluminum alloys are presented, and their

behavior is determined. Principal results are shown and discussed along with various means of investigation. ABA Transl.
by B.B.

77/02/00  77N22563

APPLICATION OF FRACTURE MECHANICS TO THE SELECTION OF ALUMINUM ALLOYS, PART |
Odorico, J.

Société Nationale Industrielle Aérospatiale, Paris (France). (Lab. Central.)

In AGARD Fracture Mech. Design Methodology, 7p (see N7722554 11-39)

The essential properties to guarantee the safety, availability and longevity of aircraft structures are considered. These
properties consist of some of the following: (1) residual static resistance of pre-cracked test material; (2) sensitivity to
corrosion under tension; (3) resistance to fatigue; and (4) protection against corrosion for the maintenance of the
structures. Results acquired for these different properties are presented. ABA Transl. by B.B.

NASA-CR-141695 MDC-E1153  74/10/00 75N18397

FRACTURE MECHANICS DATA FOR 2024-T861 and 2124-T851 ALUMINUM
Pionke, L.J.; Linback, R.K.

McDennell-Douglas Astronautics Co., St Louis, Mo.

The fracture toughness and fatigue flaw growth characteristics of 2024-T861 and 2124-T851 aluminum were evaluated
under plane stress conditions. Center cracked tension specimens were employed to evaluate these properties under a
number of different test conditions which include variations in specimen thickness, specimen orientation, test environ-
ment, and initial flaw size. The effect of buckling was also investigated for all tests of thin gage specimens, and the effect
of frequency and stress ratio was evaluated for the cyclic tests. Fracture toughness test results were analyzed and
presented in terms of fracture resistance curves; fatigue flaw growth data was analyzed using empirical rate models. The
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results of the study indicate that both fracture toughness and resistance
during testing of thin gage panels was found to degrade the re
tures. ABA author.

to fatigue crack growth improve with buckling
sistance to fatigue flaw growth only at ¢levated empera-

AD-774487 NRL-7650  73/12/21 74N21567

SOME FRACTURE MECHANICS RELATIONSHIPS FOR THIN SHEET MATERIALS
Sullivan, AM.; Stoop. J.

Naval Research Lab., Washington, D.C.

The fracture resistance parameter KC has been determined for a numbe
materials over a thickness range 01 0.032 to 0.25 in (0.8 to 6.25 mm).
upon the material yield stress. Further, a relationship can be established between KC and fracture appearance. Analysis
of the data has also disclosed that the amount of crack extension, i.e., final crack length appears to be influenced by the
initial crack length. A straight-line curve in logarithmic coordinates relates the ratio of initial to final crack length. The
development of these relationships can be of real assistance in the design of a standard initial screening test for KC.
(Modified author abstract.) ABA GRA.

1 of aluminum, titanium, and steel alloy sheet
The KC parameter is found to depend inversely
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NASA-CR-134209 MCR-74<43 74/01/00  74N20127

DEVELOPMENT AND FRACTURE MECHANICS DATA FOR 6AI-6V-2Sn TITANIUM ALLOY
Fiftal, C.F.; Beck, E.J.

Martin Marietta Corp., Denver, Colo.

Fracture mechanics properties of 6Al-6V-2Sn titanium in the annealed, solution-treated, and age
Tensile, fracture toughness, cyclic flaw growth, and sustained-load threshold tests were
compact tension-specimen geometries were employed. Te
ambient, 300°F (422 K) air, and room-te

d condition are presented.
conducted. Both surface flaw and

mperatures and/or environments used were - 65°F (220 K) air,

mperature air containing 10 and 100% relative humidity. ABA author.

AD-757654 NRL-7460 72/12/29  73N23933

A REVIEW OF THE PLANE-STRESS FRACTURE MECHANICS PARAMETER KC DETERMINED USING THE
CENTER CRACKED TENSION SPECIMEN

Sullivan, A.M.; Freed, C.N.

Naval Research Lab., Washington, D.C.

The report discusses the current status of the center-cracked tension (CCT) specimen as a means of determining the plane- !
stress fracture-mechanics parameter KC. The effect of specimen geometry (width and crack length) together with that of

specimen thickness is illustrated by examples from NRL research. The experimental parameters employed at NRL are

detailed together with those in use at other laboratories for the purpose of assisting in the development of a standard

procedure for such testing so that data can be reliably compared. ABA author (GRA).
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CATEGORY B - STRESS INTENSITY FACTORS AND STRESS ANALYSIS CF CRACKS

76/00/00  76A38387

ON THE PRINCIPLE OF SUPERPOSITION FOR STRESS INTENSITY FACTORS
Aamodt, B.; Bergan, P.G.

(Norske Veritas, Oslo, Norway): (Norges Tekniske Hogskole, Trondheim, Norway)
Engineering Fracture Mechanics, Vol.8, No.2, 1976, p.437-440.

The principle of superposition as applied for stress intensity factors for different types of loading is discussed. Using an
energy formulation, it is shown that stress intensity factors for different loading types are additive provided all loading
types tend to open the crack. Negative part contributions to the stress intensity factor may also be superimposed if the
associated loads tend to close the crack along the entire crack front. ABA (author).

75/00/00  76A22567

AN ASSUMED DISPLACEMENT HYBRID FINITE ELEMENT MODEL FOR THREE-DIMENSIONAL LINEAR-
FRACTURE-MECHANICS ANALYSIS

Atluri, S.; Kathiresan, K.

(Georgia Institute of Technology, Atlanta, Ga.)

In Society of Engineering Science, Annual Meeting, 12th, Austin, Tex., October 2022, 1975, Proceedings. (A76-22551
09-31) Austin, University of Texas, 1975, p.391-399.

An ‘embedded singularity’ finite element procedure for the computation of mixed modes I, 11, and 111 stress intensity
factors, which vary along an arbitrarily curved crack front in three-dimensional problems, is presented. The finite element
method is based on a ‘*hybrid displacement model’ which enforces the displacement and traction continuity between near-
field ‘singular’ elements and far-field ‘regular’ elements (with regular polynomial variation of the field variables) through

a modified variational principle of potential energy. Stress intensity factors are calculated directly, along with the
structure’s nodal displacements. The problem of a through crack in a finite thickness plate subjected to symmetric
loading is studied, and results are reported for the variation of the K, stress intensity factor through the plate thickness.
ABA (author).

76/00/00 76A17327

ON THE USE OF ISOPARAMETRIC FINITE ELEMENTS IN LINEAR FRACTURE MECHANICS
Barsoum, R.S.

(Combustion Engineering, Inc., Windsor, Conn.)

International Journal for Numerical Methods in Engineering, Vol.10, No.1, 1976, p.25-37.

Quadratic isoparametric elements which embody the inverse square root singularity are used in the calculation of stress
intensity factors of elastic fracture mechanics. Examples of the plane eight noded isoparametric element show that it has
the same singularity as other special crack tip elements, and still includes the constant strain and rigid body motion
modes. Application to three-dimensional analysis is also explored. Stress intensity factors are calculated for mechanical
and thermal loads for a number of plane strain and three-dimensional problems. ABA (author).

75/04/00 75A28234

AN ASSUMED DISPLACEMENT HYBRID FINITE ELEMENT MODEL FOR LINEAR FRACTURE MECHANICS
Atluri, S.N.; Kobayashi, A.S.; Nakagaki, M.

(Georgia Institute of Technology, Atlanta, Ga.); (Washington University, Seattle, Wash.)

International Journal of Fracture, Vol.11, Apr. 1975, p.257-271.

This paper deals with a procedure to calculate the elastic stress intensity factors for arbitrary-shaped cracks in plane stress
and plane strain problems. An assumed displacement hybrid finite element model is employed wherein the unknowns in
the final algebraic system of equations are the nodal displacements and the elastic stress intensity factors. Special
elements, which contain proper singular displacement and stress fields, are used in a fixed region near the crack tip; and
the interelement displacement comgatibility is satisfied through the use of a Lagrangean multiplier technique. Numerical
examples presented include: central as well as edge cracks in tension plates and a quarter-circular crack in a tension plate.
Excellent correlations were obtained with available solutions in all the cases. A discussion on the convergence of the
present solution is also incfuded. ABA (author).

74/00/00 75A18195

PROPAGATION OF ELLIPTICAL SURFACE CRACKS AND NONLINEAR FRACTURE MECHANICS BY THE
FINITE ELEMENT METHOD

Aamodt, B.; Bergan, P.G.

(Norges Tekniske Hogskole, Trondheim, Norway)

In Conference on Dimensioning and Strength Calculations, Sth and Congress on Material Testing, 6th, Budapest, Hungary,
October 28 — November 1, 1974, Proceedings. Volume 1. (A75-18192 06-39) Budapest, Akademiai Kiado, 1974,

p.I-31 to 1-42.

A technique reported by Aamodt et al. (1973) is used to study the growth of semicllipitcal surface cracks in a Ni-steel
plate. The approach makes use of a multilevel superelement formulation for elastoplastic analyses. A numerical study
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of crack propagation is conducted and the finite element method is applied in a problem of nonlinear fracture mechanics.
The formulation of the superelement technique for elastoplastic problems is discussed along with the numerical study of
a doubly edge-cracked thick plate. ABA G.R.

74/00/00  75A15997

UNIMOD AN APPLICATIONS ORIENTED FINITE ELEMENT SCHEME FOR THE ANALYSIS OF FRACTURE
MECHANICS PROBLEMS 3
Nair, P.; Reifsnider, K.L.

(Virginia Poly technic Institute and State University, Blacksburg, Va.)

In Fracture Analysis; Proceedings of the National Symposium on Fracture Mechanics, College Park, Md., August 27 29,
1973, Part 2. (A75-15989 04-39) Philadelphia, Pa., American Society for Testing and Materials, 1974, p.211-225.

A new concept in elastic-plastic analysis using finite element techniques is analyzed. The resulting procedural scheme,
called UNIMOD, is found to be an effective method of performing stress analysis of complex elastic-plastic defect
problems which cannot be handled by classical elastic fracture mechanics. Advantages of the UNIMOD scheme include
extreme versatility, universal applicability to existing programs and conceptual as well as operational simplicity. ABA
(author).

74/00/00 74A41254 \
FRACTURE MECHANICS i
Benzley, S.E.. Parks, D.M.

(Sandia Laboratories, Albuquerque, N. Mex.); (Brown University, Providence, R.1.)

In Structural Mechanics Computer Programs: Surveys, Assessments, and Availability ; Proceedings of the Symposium,
University of Maryland, College Park, Md., June 12 - 14, 1974. (A74-41251 21-32) Charlottesville, University Press of :
Virginia, 1974, p.81-102. AEC-supported research.

Some fracture mechanics computer programs currently being used are surveyed. Most of this software represents very

recent developments in computational fracture mechanics. Included are brief abstracts of computer programs that treat i
the characteristic near field singularity that is present at the tip of a crack. A critical review of computational fracture 9
mechanics is offered, and some suggestions are given as to the proper selection of fracture mechanics software for a parti- 3
cular problem. In addition, a discussion of future trends in this field is presented. !

73/00/00 74A17777
COMPUTATIONAL FRACTURE MECHANICS 1
Rice, J.R.; Tracey, D.M. ‘
(Brown University, Providence, R.1)

In Numerical and Computer Methods in Structural Mechanics. (A74-17756 06-32) New York, Academic Press, Inc.,

1973, p.585-623.

Numerical procedures for accurate determination of elastic stress intensity factors tor the general two-dimensional crack
problem are reviewed.” The elastic perfectly plastic state of crack tip deformation is studied by a finite element procedure.
Elastic-plastic fields in the immediate vicinity of a crack tip are determined numerically by finite clement procedures
based on asymptotic studies of crack tip singularities in plastic materials. The small-scale yiclding problem is modeled,
and expressions for crack tip opening displacement, shear singularity amplitude, and plastic zone extent are derived.

A finite element solution solution to the large-scale yielding of a circumferentially cracked round tension bar is obtained.
The three-dimensional aspects of flawed structures and numerical methods of treating them are studied. Ductile fracture
mechanisms, in particular crack tip fracture on the microscale, are discussed. ABA V.P.

73/09/00 73A43812

ANALYSIS OF STRESS INTENSITY FACTORS FOR THE TENSION OF A CENTRALLY CRACKED STRIP WITH
STIFFENED EDGES. |
lsida, M. '
(National Aerospace Laboratory, Tokyo, Japan)

Engineering Fracture Mechanics, Vol.5, Sept. 1973, p.647-665.

Theoretical analysis of the stress intensity factor for the tension of a centrally cracked strip reinforced with stringers

along its edges. The method is based on the Laurent expansions of the complex stress potentials, and the perturbation
technique is applied in determining their coefficients from the boundary conditions. Formulas for the crack tip stress
intensity factors are given in the form of 36-term power series of A2, where X is the ratio of the crack length to the plate
width. The analysis covers, as special cases, a centrally cracked strip with free edges, a centrally cracked strip with
clamped edges. and a wide plate stiffened by parailel stringers and containing a crack between every two adjacent stringers.
Numerical calculations are performed for various combinations of the extensional and bending rigidities of the stringers,
and their stress-relieving effects are examined in detail. The present method is considered to give practically exact values \
for A <0.95, regardless of other parameters. ABA (author).
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71/00/00  73A28231

ANALYSIS OF STRESS INTENSITY FACTOR FOR SURFACE-FLAWED TENSION PLATE.

Miyamoto, H.; Miyoshi, T.

(Tokyo University, Tokyo, Japan)

In High Speed Computing of Elastic Structures; Proceedings of the Symposium, Liege, Belgium, August 23 28, 1970.
Volume 1. (A73-28226 13-32) Liege, Universite de Liege, 1971, p.137-155.

Consideration of the stress intensity factor for a semielliptical surface flaw in a plate of finite thickness subjected to
tension. There is no exact solution to this problem in three-dimensional theory of elasticity, and the approximate solu-
tions obtained by Irwin (1962) and Kobayashi and Moss (1969) are reexamined. ABA M.V.E.

AD-A021280 ASRL-TR-177-1 AFFDL-TR-75-51 76/01/00  76N29650
FUTURE MECHANICS ANALYSIS OF AN ATTACHMENT LUG

Orringer, O.

Massachusetts Inst. of Tech., Cambridge. (Aeroelastic and Structures Research Lab.)

This report documents a finite-element analysis procedure for computation of mode 1 and mode 2 stress intensity factors
associated with a sharp crack in an attachment lug detail. The procedure is a complete Fortran-4 Program which
generates and parametrically analyzes the lug, based on designer-oriented input data. The formulation of a special crack-
containing element is reviewed and its performance is summarized. A detailed description of the lug analysis procedure
covers the physical problem, modeling, program flow and options, input/output conventions, execution times and limita-
tions which must be observed. Results from example analyses of some attachment lugs are presented. ABA GRA.

SLA-74-5181 Conf-740604-1 73/00/00  74N34372

FRACTURE MECHANICS

Benzley, S.E.; Parks, D.M.

(Brown Univ.) Sandia Labs., Albuquerque, N. Mex.

Presented at the Intern. Symp. on Structural Mech. Software, College Park, Md., 12 - 14 June 1974.

Some fracture mechanics computer programs currently being used are surveyed. Most of this software represents very
recent developments in computational fracture mechanics. Included are briet abstracts of computer programs that treat
the characteristic near-field singularity that is present at the tip of a crack. A critical review of computational fracture
mechanics is offered and some suggestions are given as to the proper selection of fracture mechanics software for a
particular problem. Future trends in this field are presented. ABA author (NSA).

AD-778098 TR-0074 SAMSO-TR-74-89  74/04/0S 74N28416
USE OF FINITE ELEMENT ANALYSIS IN FRACTURE MECHANICS
Atchley, C.E.; Raymond, L.

Aerospace Corp., El Segundo, Calif. (Lab. Operations.)

Many problems in fracture mechanics are not readily amenable to analytical treatment. Stress distributions and stress
intensity factors cannot always be calculated easily for a given structural geometry and loading condition. However,
finite element methods offer an accurate, versatile, and conceptually simple means by which a given structure can be
analyzed. They allow a general application of classical crack propagation analysis whereby the necessary estimates of the
stress intensity factor may be calculated. The report presents the development of a general finite element method
commonly used in structural mechanics and several finite element approaches employed specifically in fracture mechanics
for computing stress and displacement functions, and stress intensity factors for a cracked structure. (Modified author
abstract) ABA GRA.
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CATEGORY C ~ FRACTURE MECHANICS AND DAMAGE TOLERANCE ANALYSIS

70/00/00 77A24916

THE CONSIDERATION OF DAMAGE TOLERANCE IN THE DESIGN OF JOINTS

Circle, R.L.

(Lockheed-Georgia Co., Marietta, Ga.)

In Advances in Joining Technology: Proceedings of the Fourth Army Materials Technology Conference, Boston, Mass.,
September 16 19, 1975. (A77-24901 10-31) Chestnut Hill, Mass., Brook Hill Publishing Co., 1976, p.455-469.

Damage tolerance is defined as the ability of a structure to sustain an injury that might come from a variety of sources.
In order to be truly damage tolerant, a structure must possess a satisfactory ability to sustain damage, be inspectable
enough so that damage can be readily detected, and have an adequate combination of slow rate of crack growth and long
critical lengths so that it will endure long enough for damage to be discovered. Joints involving special problems in
meeting these objectives are discussed. Among the analysis problems that need to be addressed are load-path eccentri-
cities and high bearing stresses resulting from load transfer. One of the best design practices is to limit the number of
joints to an absolute minimum, along with design of a multi-load-path structure with inherent damage-arresting charac:
teristics. Several techniques such as high clamp-up, cold expansion, and interference fit fasteners can be used to
improve joint damage tolerance. ABA S.D.

76/12/00  77A20991

DESIGN USING ELASTIC-PLASTIC FRACTURE MECHANICS

Sumpter, J.D.G.; Turner, C.E.

(Naval Construction Research Establishment, Dunfermline, Scotland); (Imperial College of Science and Technology,
London, England)

International Journal of Fracture, Vol.12, Dec. 1976, p.861-871. Research supported by the Science Research Council.

Current usage of crack opening displacement and proposed usage of the J contour integral in the design of structures
experiencing significant plasticity are examined in the light of data from test piece geometries in which uncontained
yielding occurs ahead of the crack tip, at general yield. This behavior is contrasted with several 2D structural models
of cracks at holes in plates or in thick walled cylinders. In the structural situations, plasticity ahead of the crack is
normally contained by an outer elastic field and in these circumstances estimates of J based on linear elastic fracture
mechanics with plastic zone correction are adequate. Only when plasticity ahead of the crack is uncontained, as for
buried or part through cracks with shatlow remaining ligaments, is a plasticity estimate of J necessary. ABA (author).

76/11/00  77A15855

FRACTURE MECHANICS OF AEROSPACE MATERIALS

Schwalbe, K .-H.

(Deutsche Forschungs- und Versuchsanstalt fuer Luft- und Raumfahrt, Institut fuer Werkstoff-Forschung, Porz-Wahn,
West Germany)

DFVLR-Nachrichten, Nov. 1976, p.775-778. In German.

Fractographic and fracture mechanics analysis techniques are reviewed and assessed in application to aerospace materials,
with emphasis on the behavior of cracks in nucleation and propagation. The importance of stress intensity as a parameter
is emphasized. Crack-tip processes, trade-off between fracture toughness and strength, the width of lines on the fracture
surface, and the cost effectiveness of fracture mechanics safety analyses are discussed. Limitations on fracture safety
predictions are indicated (scatter of materials properties parameters, inadequate knowledge of stress loading patterns,
time variability of amplitude and mean value of stresses on aerospace parts). ABA R.D.V.

76/02/00 76A28607

USE OF FRACTURE MECHANICS IN ESTIMATING STRUCTURAL LIFE AND INSPECTION INTERVALS
Kaplan, M.P.; Reiman, J.A.

(USAF, Aeronautical Systems Div., Wright-Patterson AFB, Ohio)

Journal of Aircraft Vol.13, Feb. 1976, p.99-103.

As structural efficiency of aircraft has increased in the recent past, the Air Force has found it necessary to include, in the
newer systems, damage tolerance criteria for fracture critical parts. These criteria are explained briefly, and sample
calculations indicating methods for determining component structural life are demonstrated. Implicit in this calculation
is the definition of inspection intervals. The second portion of this discussion details some of the assumptions that go
into this analysis and their sensitivity. A large portion centers on stress spectrum definition. It is shown that, from one
set of occurrence data, alternative spectra may be derived which have substantial differences in life. ABA (author).

75/10/00  76A15799

YIELDING FRACTURE MECHANICS

Turner, C.E.

(Imperial College of Science and Technology, London, England)
Journal of Strain Analysis, Vo!.10, Oct. 1975, p.207-216.

Yielding fracture mechanics seeks to find a relationship between applied stress, crack size and material toughness that is
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independent of the geometry of a component when fracture occurs after significant degree of yielding. The crack
opening displacement, and the J contour integral are two proposals for describing the stresses and deformation at the tip
of a sharp crack embedded in a region of yielding material. J can be expressed as the product of uniaxial yield stress and
the crack opening displacement and a factor with a value between about 1 and 2.5. The concepts are still under develop-
ment. Either term can be chosen as a measure of the severity of crack tip deformation in a given material with the onset
of crack growth in monotonic loading occurring at a critical value, for a given thickness. Experimental evidence so far is
in broad support of this picture but there remains uncertainty over the degree to which critical crack opening displace-
ment or J is independent of geometry and the extent to which stable crack growth prevents the usage of one simple
criterion of fracture for all structural configurations. ABA (author).

75/09/00 75A47591

APPLICATION OF FRACTURE MECHANICS TO AIRCRAFT STRUCTURAL SAFETY

Wood, H.A.

(USAF, Flight Dynamics Laboratory, Wright-Patterson AFB, Ohio)

(Japan Society for the promotion of Science and National Science Foundation, United State-Japan Seminar on Combined
Nonlinear and Linear Fracture Mechanics — Applications to Modern Engineering Structures, Sendai, Japan, Aug. 12 16,
1974.)

Engineering Fracture Mechanics, Vol.7, Sept. 1975, p.557-564.

Design requirements have been developed to insure structural safety for current and future USAF aircraft. New structure
is assumed to be flawed. Materials, stress levels and structural arrangements are chosen so as to prevent damage from
growing to catastrophic size prior to detection. Safety from damage induced through service usage is insured by providing
inspection capability and by meeting specific residual strength and safe crack growth requirements. Compliance with
these requirements implies the capability to predict growth rates under complex loadings and to calculate the fracture
strength of structures fabricated of relatively tough materials which may exhibit large amounts of crack tip plasticity
prior to failure. This paper reviews significant factors leading to the development of damage tolerance criteria and
illustrates the role of fracture mechanics in the analysis and testing aspects necessary to satisfy these requirements. ABA
(author).

75/06/00 75A41909

ON FRACTURE MECHANICS UNDER COMPLEX STRESS
Toor, P.M.

(Lockheed-Georgia Co., Marietta, Ga.)

Engineering Fracture Mechanics, Vol.7, June 1975, p.321-329.

The majority of linear elastic fracture mechanics investigations since the pioneering work of Irwin and Paris have been
carried out under tension-tension loading conditions in sheet metal. However, built up structures have generally been
under complex stress conditions and to date very scanty information is available on fracture mechanics parameters under
complex stress conditions. The current state of the art for mixed mode crack tips deformation is reviewed. In order to
use linear elastic fracture mechanics methodology to predict crack growth rate in shear webs, an experimental program
was initiated. Initial tests on 7075-T6 aluminum alloy sheet, using a picture frame type specimen, were conducted. The
critical stress intensity factors and the rate of crack growth under aforementioned condition are established. ABA
(author).

ASME Paper 75-GT-79  75/03/00 75A34628

A FRACTURE MECHANICS APPROACH TO TURBINE AIRFOIL DESIGN

Linask, 1.. Dierberger, J.

(United Aircraft Corp., Pratt and Whitney Aircraft Div., East Hartford, Conn.)

American Society of Mechanical Engineers, Gas Turbine Conference and Products Show, Houston, Tex., Mar. 2- 6. 1975,
8 p.

An analytical study was conducted using fracture mechanics principles to model turbine airfoil cracking. It was found
that crack initiation can be related to calculated residual strains in the airfoil coating and that coating properties are an
important consideration in determining crack location and orientation. The coating crack subsequently propagates into
base material according to basic fracture mechanics laws. A comparison with engine tested blade experience is made. It
is concluded that the presented model provides a rational method for design life prediction but its general application
requires definition of new types of material property information. ABA (author).

74/00/00 75A25191

ELEMENTARY ENGINEERING FRACTURE MECHANICS
Broek, D.

(Delit, Technische Hogeschool, Delft, Netherlands)

Leiden, Noordhoff International Publishing, 1974. 417 p.

Mechanisms of fracture and crack growth are considered along with the elastic crack-tip stress ficld, the crack tip plastic
zone, the energy principle, questions of dynamics and crack arrest, plane strain fracture toughness, plane stress and transi-
tional behavior, the crack opening displacement criterion, fatigue crack propagation, and the fracture resistance of
materials. Applications of fracture mechanics are also discussed, giving attention to fail-safety and damage tolerance,
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the determination of stress intensity factors, practical problems, the fracture of structures, and stiffened sheet structures,
ABA G.R.

74/00/00  75A15987

PROPOSED FRACTURE MECHANICS CRITERIA TO SELECT MECHANICAL FASTENERS FOR LONG SERVICE
LIVES

Grandt, A.F., Jr: Gallagher, J.P.

(USAF, Materials Laboratory, Wright-Patterson AFB, Ohio); (USAF Flight Dynamics Laboratory, Wright-Patterson AFB,
Ohio)

In Fracture Toughness and Slow-stable Cracking, Proceedings of the National Symposium on Fracture Mechanics, College
Park, Md., August 27 29, 1973, Part |I. (A75-15976 04-39) Philadelphia, Pa., American Society for Testing and
Materials, 1974, p.283-297.

It is proposed that long service lives may be attained by selecting a fastener system which keeps the stress intensity range
during service below the threshold stress intensity range. Using this criterion one may specify the maximum flaw size
(from prior damage or initiated by fretting) which will be permanently retained by the residual stress field surrounding
the fastener. An analytical procedure which can be employed to obtain stress intensity factors for practical fastener crack
configurations is demonstrated with results for open holes, cold-worked holes, interference fit fasteners, and pinloaded
holes. In addition, threshold stress intensity factor data are taken from the literature and presented in a form convenient
for use by the design engineer. ABA (author).

74/09/00 74A406221

RANGE OF VALIDITY AND APPLICATION OF FRACTURE MECHANICS
Radaj, D.

(Daimler Benz AG, Stuttgart, West Germany)

Zeitschrift fuer Werkstofftechnik, Vol 5, Sept. 1974, p.317-323. In German.

The range of validity and application of lincar-elastic and electro-plastic fracture mechanics is determined according to
practicable quantitative criteria. The former is applicable to the low stress brittle fracture in brittle materials, the latter is
applicable to the higher stress brittle and tear fracture in tougher materials. The real continuum mechanics fracture
criterion is not yet determined. Linear-elastic fracture mechanics is widely applicable to fatigue fractures. Taking into
account the interaction and sequence etfect of low and high load amplitudes is necesary. The fracture mechanics
approach to brittle and fatigue fracture is compared with traditional testing techniques. ABA (author).

ALAA Paper 74-347  74/04/00  74A26661

i EVALUATION OF DAMAGE TOLERANCE IN AIRCRAFT STRUCTURES

i McHenry, H.L.: Hensley, E K.

(General Dynamics Corp., Convair Aerospace Div., Fort Worth, Tex.)

AITAA, ASME, and SAE, Structures, Structural Dynamics and Materials Conference, 15th, Las Vegas, Nev., Apr. 17 19,
1974, AIAA 11 p.

The specific requirements and the evaluation procedures used to qualify the damage tolerance of two competing wing
carrythrough structure designs are reviewed. One design is principally f-processed 6A1-4V titanium in a fail safe confi-
guration, and the other is principally 10 Ni steel in a monolithic configuration. Fail safe analyses were conducted using
finite element models with individual elements reduced in size or eliminated to simulate failure. Crack arrest was
evaluated experimentally on panels with brazed stiffeners. Crack growth analyses were based on extensive test data and
the Wheeler retardation model. ABA (author).

73/00/00 74A14461
FRACTURE MECHANICS AIRCRAFT STRUCTURAL DESIGN APPLICATION AND RELATED RESEARCH

i Wood, H.A.; Tupper, N.

{ tUSAF, Flight Dynamics Laboratory, Wright-Patterson AFB, Ohio): (USAF, Materials Laboratory, Wright-Patterson
AFB, Ohio)
In International Congress on Fracture, 3rd, Munich, West Germany, April 8 13, 1973, Reports. Part 9. (A74-14384
03-31) Dusseldorf, Verein Deutscher Eisenhuettenleute, 1973, p.VIII-523.1 to VIII-523.6.

Description of fracture control procedures employed by the US Air Force in the design of current and future aircraft
to ensure safety by reducing the probability of catastrophic failure due to undetected damage. Attention is given to
fracture-safety related aspects of material and process selectivity, material procurement and control, nondestructive
inspection, and damage tolerance analyses and testing. Applications of fracture mechanics criteria to aircraft design
have helped to clarify the importance of research in identifying the basic metallurgical mechanisms of fracture. Know-
ledge gained from such research is judged necessary for improving resistance to crack growth and for developing alloys
which are relatively insensitive to chemical environments in which aircraft operate. ABA T.M_
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AD-A046151 NOR-75-86 AFFDL-TR-73-42-PT-3  77/08/00 78N14436
DEVELOPMENT AND EVALUATION OF METHODS OF PLANE STRESS FRACTURE ANALYSIS. PART 3.

APPLICATION OF THE RESIDUAL STRENGTH PREDICTION TECHNIQUE TO COMPLEX AIRCRAFT
STRUCTURE

Ratawani, M.M., Wilhem, D.P.
Northrop Corp., Hawthorne, Calif. (Aircraft Div.)

Using the residual strength technique, uniaxially loaded, angle stiffened wing panels were analyzed and fracture strengths
determined. Excellent correlation was obtained between experimental and analytical data for an initially intact and
broken central stringer for a six bay aluminum panel with thin skin, a thick (0.193 inch) skin aluminum panel, and an all
titanium panel. Both crack arrest and fracture could be predicted using the tangency conditions between the crack
driving force curves (sq. rt. of (J) and the crack growth resistance curve (sq. rt. of Jg). The influence of biaxial load ratio
(tension fields) on crack opening displacement, plastic zone size and load transfer was examined for an all aluminum fuse-
lage panel with a crack in the skin located normal to the longerons and parallel to the frames. Comparisons are made
between analytical and experimental strain and residual strength data for biaxially loaded structure. AGA GRA.

NLR-TR-75129-U  75/09/00 77N25584

USER'S MANUAL OF ARREST. A COMPUTER ROUTINE FOR PREDICTION OF RESIDUAL STRENGTH OF
CRACKED STIFFENED PANELS

Vlieger, H.; Sanderse, A.

National Aerospace Lab., Amsterdam (Netherlands). (Structures and Materials Div.)

A detailed description is given of the computer program arrest and of the execution of it in determining the residual
strength diagram of cracked stiffened panels. The essentials of the computer program are dealt with whereas the deriva-
tion of the equations together with the program flow charts and the program listing are given in Appendices. An example
of computation is given to illustrate the preparation of the computer input and the treatment of the computer output
data in order to determine the residual strength diagram. The procedure to find the fail-safe stress level from this residual
strength diagram is outlined in a reference which accompanies this user’s manual. ABA author (ESA).

77/02/00  77N22559

APPLICATION OF FRACTURE MECHANICS IN DESIGNING BUILT-UP SHEET STRUCTURES
Vlieger, H.

National Aerospace Lab.. Amsterdam (Netherlands).

In AGARD Fracture Mech. Design Methodology, 18 p (see N77-22554 13-39)

Different analyses that are relevant to the design of a fail-safe aircraft structure are discussed: the static strength, the
crack initiation and propagation and the residual strength analyses. The application of fracture mechanics in the crack
propagation and residual strength analyses is given particular attention. Theoretical results of an investigation carried out
in this field and verification of these results by experiments are shown. Finally, some guidelines for aircraft structural
applications are presented. ABA author.

77/02/00  77N2255S5

PRACTICAL APPLICATIONS OF FRACTURE MECHANICS TECHNIQUES TO AIRCRAFT STRUCTURAL
PROBLEMS

Heath, W.G.; Nicholls, L.F.; Kirkby, W.T.

(British Aircraft Corp., London); (RAE, Farnborough). Hawker Siddeley Aviation Ltd.. London (England).

In AGARD Fracture Mech. Design Methodology, 22 p (see N77-22554 13-39)

Experience gained in the UK in the application of fracture mechanicss techniques to problems arising in the design,
testing and operation of aircraf't is outlined. Design examples are taken from studies of crack behavior in stiffened wing
panels and also from pressure cabin design, including areas subject to combined mechanical and thermal stresses.
Problems of testing are illustrated by reference to the use of COD, and other measurc ments, in residual strength tests to
predict approach to unstable crack growth. Test data are given which illustrate scatter in crack growth in stiffened panels.
In addition, the nature of the difficulties that have been encountered in applying fracture mechanics analysis to failures
arising in aircraft in service is discussed. ABA author.

AGARD-CP-221 ISBN-92-835-1090-X  77/02/00  77N22554

FRACTURE MECHANICS DESIGN METHODOLOGY

Advisory Group for Aerospace Research and Development, Paris (France).

Presented at the 43rd Meeting of the AGARD Structures and Materials Panel, London, 2829 Sept. 1976.

NLR-MP-76024-U  76/09/09  77N21481

APPLICATION OF FRACTURE MECHANICS IN DESIGNING BUILT-UP SHEET STRUCTURES
Vlieger, H.

National Aerospace Lab., Amsterdam (Netherlands). (Structures and Materials Div.)
Presented at the AGARD Specialists’ Meeting on Fracture Mech. Design Methodology, London, 28 29 Sepi. 1976.

Different analyses (static strength, crack initiation and propagation, and residual strength) relevant to the design of a
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tail-safe aircraft structure are discussed in order to restrict the occurrence of cracks and to guarantee some specified life of
the aircraft it cracks nevertheless arise. The crack propagation and residual strength analyses are discussed with respect to
application of fracture mechanics principles and sheet structures. The factors that influence the effectiveness of a fail-
safe design and ways in which fail-safe properties can be improved are discussed. ABA ESA.

AD-A032034 ASRL-TR-177-2 AFFDL-TR-75-70  76/04/00  77N20528

FRACTURE MECHANICS ANALYSIS OF CENTERED AND OFFSET FASTENER HOLES IN STIFFENED AND
UNSTIFFENED PANELS UNDER UNIFORM TENSION

Stack, G.

Massachusetts Inst. of Tech., Cambridge. (Aeroelastic and Structures Research Lab.)

This report documents a finite-element analysis procedure for computation of mode | and mode 11 stress intensity factors
associated with one or two sharp cracks emanating from a fastener hole in a panel under uniform tension. The fastener
hole may be offset from the panel centerline, and one or both edges of the panel may be integrally stiffened. The
formulation of a special »ssumed-stress hybrid element for the region near the fastener hole is presented. A detailed
description of the programming covers the physical problem, modelling, program flow and options, input/output conven-
tions, execution times, and limitations which must be observed. Results are presented for performance tests of the special
element, and for some example analyses of cracked panels. ABA GRA.

ARL/STRUC-TM-245 76/08/00  77N20478

FRACTURE MECHANICS FUNDAMENTALS WITH REFERENCE TO AIRCRAFT STRUCTURAL APPLICATIONS
Hoskin, B.C.

Aeronautical Research Labs., Melbourne (Australia).

To be presented at the A.R.L. Symp. on Aircraft Structural Fatigue

Fracture mechanics is being increasingly applied to problems associated with cracked, or potentially cracked, aircraft
structures. Such applications include assessment of the residual strength of cracked components and also the prediction
of fatigue crack growth. However, fracture mechanics is still very much a developing subject even as regards its funda-
mentals and, hence, in any application, it is important to bear in mind the limitations associated with some of its results.
A survey is made of basic fracture mechanics, with emphasis on those limitations likely to be of importance in aircraft
structural applications. ABA author.

AD-A032045 ASRL-TR-177-3 AFFDL-TR-75-71  76/04/00  77N20452

FRACTURE MECHANICS ANALYSIS OF SINGLE AND DOUBLE ROWS OF FASTENER HOLES LOADED IN
BEARING

Orringer, O.; Stalk, G.

Massachusetts Inst. of Tech., Cambridge. (Aeroelastic and Structures Research Lab.)

This report documents a finite-element analysis procedure for computation of mode 1 and mode I stress intensity factors
at a cracked fastener hole in a single row or a double staggered row of fastener holes on a tension panel. The panel is
loaded by cosine bearing pressure distributions applied to each fastener hole. Different bearing forces may be specified
for each hole, and any hole may be designated as the damaged hole. The physical structure, finite-element model,
program flow and options, input/output conventions, execution times, and limitations are discussed. Results of some
example analyses are presented. ABA GRA.

76/01/00 76N19477

DAMAGE TOLERANCE OF SEMIMONOCOQUE AIRCRAFT

Haskell, D.F.

Ballistic Research Labs., Aberdeen Proving Ground, Md.

In AGARD Specialists’ Meeting on Impact Damage Tolerance of Struc., 12 p (see N76-19471 10-39)

The simple theoretical method which was developed may be used to predict deformation. strain, and fracture of aircraft
skin subjected to blast attack. Test results and predictions of the theory compare favorably. The method is used to
analytically delineate the factors that significantly affect skin damage toleraace. For the conditions studied, these ‘
factors, in decreasing order of influence, are standoff distance, panel width, skin thickness, aspect ratio, skin ultimate ‘
strength, rivet spacing, and rivet hole diameter to skin thickness ratio. Test results of two types of semimonocoque
helicopter tail booms damaged by bare explosive charges and small-caliber, high-explosive projectiles while under simulated
maximum flight load show that both skin and the skin stiffening system are important in the damage tolerance of these
structures. Damage tolerance of these structures is proportional to the section modulus of the undamaged section and
inversely proportional to the amount of skin removed from the structure by the damaging agent. It is also demonstrated
that large increases in damage tolerance can be achieved by increasing longitudinal stiffness. ABA author.

AGARD-CP-186 ISBN-92-835-0154-3  76/01/00  76N19471
SPECIALISTS' MEETING ON IMPACT DAMAGE TOLERANCE OF STRUCTURES. 169
Advisory Group for Aerospace Research and Development, Paris (France).

Paper presented at 41st Meeting of the Structures and Materials Panel, Ankara, 28 Sept. - 3 Oct. 1975.




75/10/00  76N16460
BASIC CONCEPTS IN FRACTURE MECHANICS

Eftis, J.. Jones, D.L.. Licbowitz, H.

George Washington Univ., Washington, D.C. (School of Engineering and Applied Sciences).
In AGARD Non-Destructive Inspection Practices, Vol. I, p.11-25 (see N76-16458 07-38)

T'he linear elastic fracture mechanics approach to design against fracture of structural components, basically a stress
intensity approach which establishes criteria for fracture instability in the presence of a crack, is presented. Emphasis is
placed on design of aerospace structures. Factors discussed include the fail-safe or fracture safe philosophy of damage 3
1 tolerant structures; critical crack size; and fatigue crack growth under constant amplitude fatigue loading and variable |
amplitude fatigue loading. Examples are given. ABA J.M.S.

74/03/00  75/N22536

PRACTICAL APPLICATION OF FRACTURE MECHANICS FOR JUDGEMENT OF THE SPACELAB MODU/LE
STRUCTURE

Walter, J. :
ERNO Raumtfahrttechnik GmbH, Bremen (West Germany ). k.
In ESRO Large Struct. for Manned Spacecraft, p.489-495 (see N75-22504 14-31)

The application of fracture mechanics to thin-walled metallic structures, especially for internally pressurized structures in
the presence of small defects (inclusions, surface flaws, embedded flaws, etc.) is demonstrated. The brittle fracture
behavior yield stress due to sustained foad stresses (environments, stress-corrosion cracking) and cyclic stresses is shown
and the leak-before-burst criterion explained. Computation methods for obtaining critical flaw sizes from experimental
specimen data and tolerable flaw sizes, as well as the necessary nondestructive detection methods, are discussed. ABA
author (ESRO).

NASA-CR-134597 SD73-SH-0171-Vol-2  74/08/00  74N35280 1
FRACTURE CONTROL METHODS FOR SPACE VEHICLES. VOLUME 2: ASSESSMENT OF FRACTURE
MECHANICS TECHNOLOGY FOR SPACE SHUTTLE APPLICATIONS

Ehret, R.M.

Rockwell International Corp., Downey, Calif. (Space Div.)

The concepts explored in a state of the art review of those engineering fracture mechanics considered most applicable to
the space shuttle vehicle include fracture toughness, precritical flaw growth, failure mechanisms, inspection methods
(including proof test logic), and crack predictive analysis techniques. ABA author.

74/01/00  74N23417
THE USE OF FRACTURE MECHANICS PRINCIPLES IN THE DESIGN AND ANALYSIS OF DAMAGE TOLERANT 1
AIRCRAFT STRUCTURES

Wood, H.A.

Air Force Flight Dynamics Lab., Wright-Patterson AFB, Ohio.

In AGARD Fracture Mechanics of Aircraft Structures, p.18-31 (see N74-23413 14-32)

The application of fracture control principles to aircraft design in order to produce safer structures is discussed. The
mechanical and physical properties of the construction materials which are capable of modification to produce the
desired strength are discussed. The sclection of materials for airframes is based on requirements established through
actual failure experience and service life data. The nature of the requirements and allowances in their application are
defined. Tables of data are provided to show the inspection requirements for cases of: (1) slow crack growth structure,
(2) crack arrest structure, and (3) fail-safe structure. ABA author.

AGARD-AG-176 AGARDograph-176  74/01/00  74N23413
FRACTURE MECHANICS OF AIRCRAFT STRUCTURES

Liebowitz, H.

(George Washington Univ.)

Advisory Group for Aerospace Research and Development, Paris (France).

NASA-TM-X-71925  74/01/31  74N21545

FRACTURE MECHANICS

Hardrath, H.F.

National Aeronautics and Space Administration. Langley Research Center, Langley Station, Va. |
Presented at AIAA 12th Aerospace Sci. Meeting, Washington, D.C., 31 July 1974. |

Fracture mechanics is a rapidly emerging discipline for assessing the residual strength of structures containing flaws due
to fatigue, corrosion or accidental damage and for anticipating the rate of which such flaws will propagate if not repaired.
The discipline is also applicable in the design of structures with improved resistance to such flaws. The present state of
the design art is reviewed using this technology to choose materials, to configure safe and efficient structures, to specify
inspection procedures, to predict lives of flawed structures and to develop reliability of current and future airframes.
ABA author.
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AD-767614 NOR-72-32-PT-1 AFFDL-TR-7342-PT-| 73/05/00 74N13262

DEVELOPMENT AND EVALUATION OF METHODS OF PLANE STRESS FRACTURE ANALYSIS. PART 1:
REVIEW AND EVALUATICN OF STRUCTURAL RESIDUAL STRENGTH PREDICTION TECHNIQUES
Verette, R.M.; Wilthem, D.P.

Northrop Corp., Hawthorne, Caiif. (Aircraft Div.)

The treatment of residual strength prediction for aircraft structures having through flaws is considered in this report. A
discussion of the circumstances which normally give rise to plane stress or mixed mode fracture is presented along with a
summary of those elements which would constitute an ideal residual strength method. This method would be capable of
prescribing the remaining strength possessed by a broad variety of flawed aircraft structures under actual service environ-
ments. Currently available prediction techniques fall considerably short of the desired goal, and the strong and weak
points of existing methods, as well as comparisons with test results, are presented. A recommended technique is
described for residual strength prediction which bridges the gap between the existing methods and the ideal. The
recommended approach will account for slow crack growth and plasticity. It appears that the approach will utilize the

J integral in combination with a modified form of the crack growth resistance curve in making residual strength predic-
tions. ABA author.

73/05/00  73/N29928

THE USE OF FRACTURE MECHAN'”'S PRINCIPLES IN THE DESIGN AND ANALYSIS OF DAMAGE TOLERANT
AIRCRAFT STRUCTURES

Wood, H.A.

Air Force Flight Dynamics Lab., Writght-Patterson AFB, Ohio.

In AGARD Fatigue Life Prediction for Aircraft Struct. and Mater., 13 p (see N73-29924 20-32)

Current trends in the usage of high strength structural materials for aerospace applications are reviewed. The manner
in which fracture control procedures may be implemented to achieve a higher degree of damage tolerance are discussed.
The application of fracture requirements to two current designs is related. These experiences have contributed to the
formulation of specifications for use across the board on all new systems. Important aspects of the proposed USAF
damage tolerance criteria, including initial damage assumption and crack growth analyscs, are discussed. ABA author.
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CATEGORY D APPLICATIONS TO SPECIFIC AIRPLANES

AlAA 77404 17/00/00 17A25770

DAMAGE TOLERANCE PROGRAM FOR THE B-1 COMPOSITE STABILIZER

Waggoner, G, Erbacher, H.

(USAF, Acronautical Systems Div., Wright-Patterson AFB, Ohio): (Grumman Acrospace Corp., Bethpage, N.Y.)

In Structures, Structural Dynamics and Materials Conference, 18th, March 21 23, 1977, and Aircraft Composites:

The Emerging Methodology for Structural Assurance, San Diego, Calif., March 24, 25, 1977, Technical Papers. Volume
AL (AT7-25726 10-39) New York, American Institute of Acronautics and Astronautics, Inc., 1977, p.388-395.

Ihe procedure used by the USAF to achieve damage tolerance in airframe structures is reviewed. The paper then
describes how these procedures were interpreted and applied to boron and graphite cpoxy composite subcomponents
representative of the B-1 horizontal stabilizer. The information presented includes the establishment of program goals;
the selection of test specimens; the procedure used to detine and locate flaws in critical arcas of the structure, the
determination and application of test loads and environments, and test results. ABA (author).

76/00/00 TTA24017

DAMAGE TOLERANCE ANALYSIS OF AN AIRCRAFT STRUCTURAL JOINT

Smith, S.H.. Simonen, A,

(Battelle Columbus Laboratories, Columbus, Ohio)

In Advances in Joining Technology : Proceedings of the Fourth Army Materials Technology Conference, Boston, Mass.,
September 1o 19, 1975 (A77-24901 10-31) Chestaut Hill, Mass., Brook Hill Publishing Co., 1976, p.471-502.

Fhe new US Air Force specification, MIL-A-83444, on damage-tolerance requirements was applied to a typical structural
10t on the wing structure of a military cargo aircraft. Detailed structural analysis of a chordwise structural joint was
performed considering foad transter and finite-clement structural models. Work energy and crack-surface-displacement
methods of lincar elastic-fracture mechanics were used to determine the variation of crack=tip stress-intensity factors with
crack size. Fatigue-crack-propagation behavior analysis of the full-scale fatigue-test spectrum and reported flight-by-1light
service usage spectrum was determmed for the stractural jomt. From initial assumed corner crack sizes at the fastener
holes, the fatigue-crack-propagation behavior analysis was utilized to establish the requirsd inspection intervals tor depot-
or base-level inspection. The structural crack-growth lives to clean-up size at holes of the structural joint were
determined. ABA (author).

ICAS Paper 76-20 76/10/00 ToOA47372

FHE ROLE OF FRACTURE MECHANICS AND FATIGUE IN THE DESIGN OF ADVANCED AEROSPACE
VEHICLES

Antona, k., Giavotto, V., Salvetti, A.; Vallerani, E.

(Torino, Politechnico, Turin, ltaly), (Milano, Politecnico, Milan, Htaly): (Pisa, Universita, Pisa, Italy); (Acritalia Spa,
Naples, ltaly)

International Council of the Acronautical Sciences, Congress, 10th, Ottawa, Canada, Oct. 3 8, 1976, 17 p. Consiglio
Nazionale delle Ricerche.

Phe fracture and fatigue behavior of fittings and structural elements of spacelab are investigated and rescarch guidelines
are Laid down. Flaws and cracks incubating and propagating to defects of critical tengths are detined and discussed,
fatigue stress spectra and fracture toughness criteria are described. Precritical crack growth and crack growth induced by
cychic loads, leakage before burst and burst before leakage, treatment of through cracks and part-through cracks, non
destructive inspection techniques, and acceptance testing and proot testing are discussed.  Fracture analysis and fracture
control procedures are defined and outlined, and applicability of statistical energy methods is examined. ABA R D.V.

ATAA Paper 76-904 76/09/00 TOA45390

DAMAGE TOLERANCE ASSESSMENT OF F-4 AIRCRAFT

Pinckert, R.E.

(McDonnelt Aircratt Co., St Lotis, Mo.)

American Institute of Acronautics and Astronautics, Aircratt Systems and Technology Meeting, Dallas, Tex., Sept.
27 29,1976, 12 p.

Fhe damage-tolerance-assessment phase of two F-<4 areraft structural-integrity programs has been completed. Methods
were developed to determine the operational limits of the fracture critical arcas and to incorporate imtial Taw assump-
tions, crack-growth computations, and operational imits into the -4 fleet tracking program. tn this paper, the following
subjects are covered: (1) development of futigue spectra to represent seevice usage: () development of a crack-growth
prediction technigue; (3) determination of the initial quality of F-< aircraf’t structure represented by equivalent intial
Naw sizes: (4) establishment of baseline aircratt assumptions and the prediction of operational limats, () the develop
ment of a ‘damage index’ system to track crack growth at one critical location on an arcraft and determuine the damage
at other locations: and (6) the development of stress-life curves to convert counting aceelerometer data into damage
related to crack growth. ABA (author).




SAWE Paper 1043 75/05/00  75A47482

FATIGUE AND DAMAGE TOLERANCE EFFECTS ON PRELIMINARY DESIGN WING WEIGHTS
Stephens, R.E.

(Lockheed-Georgia Co., Marietta, Ga.)

Society of Allied Weight Engineers, Annual Conference, 34th, Seattle, Wash., May 5 -7, 1975, 20 p.

The purpose of this study is to assess the effect of current design criteria and advanced technology on an existing
structure. The structure chosen for the study was the C-141 inner wing box. The design criteria include the new fatigue
and damage tolerance criteria which will probably be required on any new air force aircraft. The advanced technology
includes new materials and new structural configurations. Two alternate box configurations are presented showing the
effects of material properties and cover configurations on the wing weight. Prediction of some trends based on these
results is presented. ABA (author).

AlAA Paper 75-805  75/05/00 75A33763

ANALYTICAL PREDICTION OF FATIGUE CRACK GROWTH AT COLD-WORKED FASTENER HOLES

Chang, J.B.

(Rockwell International Corp., Los Angeles, Calif.)

AIAA, ASME, and SAE, Sturctures, Structural Dynamics, and Materials Conference, 16th, Denver, Colo., May 27- 29,
1975, AIAA 7 p. Research sponsored by the Rockwell International Independent Research and Development Program.

A methodology for the quantitative prediction of crack growth behavior at celd-worked fastener holes under fatigue
cyclic loading has been developed. The proposed analytical prediction technique is based on an effective stress field
concept which accounts for the amount of the compressive residual stress existing at the edge of the cold-worked hole.
Stress intensity factor ranges (8-K) and crack growth rates (DA/DN) are all formulated in terms of the effective stress
field. An existing fatigue crack growth analysis computer program has been modified to account for these changes. This
program was subsequently used to study the B-1 fracture mechanics design development test data. Good correlations
have been obtained. ABA (author).

AlAA Paper 74-29  74/01/00 74A18738

APPLICATION OF DAMAGE TOLERANCE TECHNOLOGY TO ADVANCED METALLIC FIGHTER WING
STRUCTURE

Jeans, L.L.; La Rose, R.L.

(Northrop Corp., Aircraft Div., Hawthorne, Calif.)

American [nstitute of Aeronautics and Astronautics, Aerospace Sciences Meeting, { 2th, Washington, D.C., Jan. 30 Feb.1,
1974, 10 p.

Current air force damage tolerant criteria requirements were developed to ensure that proper emphasis is given in new
aircraft structural systems to flaw initiated failure anlysis. In this study damage tolerant criteria were analytically investi-
gated in an indepth preliminary design environment on wing components representative of metallic materials and design
concepts applicable to future fighter aircraft. Direct comparisons with static and fatigue strength considerations were
made. Crack growth analysis was completed for the most critical structure using the Willenborg retardation model and
appropriate material crack growth rate and toughness data. ABA (author).

77/02/00  77N22567

DAMAGE TOLERANCE AND DURABILITY ASSESSMENTS OF UNITED STATES AIR FORCE AIRCRAFT
Coffin, M.D.: Tiffany, C.F.; Bader, R.

Air Force Systems Command, Wright-Patterson AFB, Ohio.

In AGARD Fracture Mech. Design Methodology, 21 p (see N77-22554 13-39)

A program to conduct damage tolerance and durability assessments of ‘in-service’ aircraft to assure structural safety

and economic life management is discussed. The F-4C/D assessment serves as a classic example to illustrate the objectives,
the approach, and the results desired. The general methodology associated with the accomplishment of the technical
tasks is presented and discussed. The modification and inspection program resulting from this assessment is described.
ABA author.

77/02/00 77N22558

NORTHROP/UNITED STATES AIR FORCE DURABILITY AND DAMAGE-TOLERANCE ASSESSMENT OF THE
F-SE/F AIRCRAFT

Munrane, S.R.: Stronge, T.D.: Davenport, O.B.

(Aeronautical Systems Div., Wright-Patterson AFB, Ohio) Northrop Corp., Hawthorne, Calif. (F-S Technology Dept.)
In AGARD Fracture Mech. Design Methodology, 33 p (See N77-22554 13-39)

Fatigue test failures experienced during a complete airframe flight-by-flight fatigue test are reviewed, including the
application of fracture mechanics employed during resolution of these failures. Damage-tolerance analyses and speci-
men tests for other primary structure are discussed. State-of-the-art analytical crack growth rate predictions for flight-
by-flight spectra are compared with specimen test results. Compliance of the F-SE/F airframe structure with the USAF
damage-tolerance requirements is discussed, along with recommendations for the application of fracture mechanics to
future aircraft design. ABA author.
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77/02/00  77IN225S7

APPLICATION OF FRACTURE MECHANICS TO THE F-111 AIRPLANE
Buntin, W.D.

General Dynamics/Fort Worth, Tex.

In AGARD Fracture Mech. Design Methodology, 12 p (see N77-22554 13-39)

Safe service operations of critical steel components in the F-111 aircraft are assured by analyses and tests developed using
principles of fracture mechanics. A unique flaw in a major fitting which forms the inboard section of the wing caused the
loss of an airplane in flight. Subsequent analy tical and experimental investigations are described which thoroughly inves-

tigated the fracture characteristics of all critical steel components in the airframe. Fracture analysis tools were developed
and used as essential elements in interpreting experimental data and in describing the damage tolerance of the F-111 fleet.
The methodology which was evolved is compared with current airplane damage tolerance requirements. ABA author.

AD-785196 AFFDL-TR-74-5 74/05/00  75NI1195S

A SPECTRUM TRUNCATION AND DAMAGE TOLERANCE STUDY ASSOCIATED WITH THE C-5A OUTBOARD
PYLON AFT TRUSS LUGS

Gallagher, J.P.. Stalnaker, H.D.. Rudd, J.L.

Air Force Flight Dynamics Lab., Wright-Patterson AFB, Ohio,

A simplified lug specimen configuration is subjected to two load spectra derived trom the same exceedance data: (1)a 17
level block loading program, and (2) a 14-mission tlight-by-flight loading program. Crack growth data from the two
spectra tor this PH 1 3-8Mo material are compared o a lite basis; each spectrum contained an equal number of ground air
ground (UAG) cycles per litetime. An analysis of the effect associated with the degree of truncation to which the flight
spectrum could be subjected was performed using the conservative no retardation — no load interaction crack growth
model and the Willenborg crack growth retardation model. The stress intensity factor calibration developed using finite
element techniques is supplemented with stress intensity factor values vbtained using the Anderson  James inverse
approach. Additional tests on 7075-T6 aluminum are described which investigate the importance of load redundancy.
ABA author (GRA).

AD-781809 AFFDL-TR-73-50-Vol-4 73/07/00 74N33464

ADVANCED METALLIC STRUCTURES: AIR SUPERIORITY FIGHTER WING DESIGN FOR IMPROVED COST,
WEIGHT AND INTEGRITY. VOLUME 4: BASELINE DAMAGE TOLERANCE EVALUATION

Davis, D.F.

General Dynamics/Fort Worth, Tex. (Convair Aerospace Div.)

The basic objective of this study was to provide an updated analysis of the F-111F baseline wing box retlecting the latest
proposed Air Force version of damage tolerance criteria. In addition, sensitivity and trade studies were made on the base-
line. The effect on allowable stress and service lite due to varation in KIC, DA/DN, initial damage assumptions, and
service usage were determined. NDI experience, thermal and chemical environment, and the impact of a fracture control
plan were studied. Baseline data on inspection experience was compiled. The impact on stress levels and life of varying
the residual strength load requirement was determined. ABA GRA.

74/01/00 T4AN23428

THE APPLICATION OF FRACTURE MECHANICS IN THE DEVELOPMENT OF THE DC-10 FUSELAGE
Switt, T.

Douglas Aircraft Co., Inc., Long Beach, Calif.

In AGARD Fracture Mechanics of Aircraft Structures, p.226-287 (see N74-23413 14-3))

The degree of damage tolerance used in the design ot the DC-10 fuselage pressure shell is discussed with reasons for its
selection. Analysis methods are presented for the prediction of the residual strength of damaged, stiffened pancels, based
on the matrix force solution of an idealized structure combined with fracture mechanics equations. The eftects of attach-
ment flexibility, which play an important part in the residual strength of damaged structure, are accounted tor. Crack
growth retardation due to the plastic zone formed on high load cycles and its effect on propagation under spectrum
loading is discussed. It is shown that the stress intensity at the threshold ot slow stable growth is not only @ material
property but depends almost entirely on past load history. A description of the development test program to verify the
analy tical techniques and to substantiate the fail-sate strength of the fuselage shell is given together with the results of
many of the tests. ABA author.
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CATEGORY E - FATIGUE CRACK GROWTH PREDICTION

ONERA, TP No.1977-78  77/00/00  77A50986

FATIGUE CRACK GROWTH MODEL PREDICTION WITH TWO COUPLED DIFFERENTIAL EQUATIONS
Pellas, J.; Baudin, G.; Robert, M.

(ONERA, Chatillon-sous-Bagneux, Hauts-de-Seine, France)

(Fracture 1977, Proceedings of the Fourth Internatior:al Conference on Fracture, Waterloo, Ontario, Canada, June
19 24, 1977, p.1353-1360.) ONERA, TP No.1977-78, 1977. (p.1353-1360) 9 p.

The Wheeler crack propagation model is criticized on the grounds that the exponent that is supposed to be characteristic
of each material is not intrinsic, that it takes into account only the loading history after the last overload, and does not |
incorporate the existence of the crack arrest phenomenon. To remedy this situation, a new parameter is introduced in
the fatigue crack growth law: the crack propagation threshold. The new crack propagation law thus consists of two
coupled differential constitutive equations connecting crack propagation rate, stress intensity factor, and loading history
by means of the crack propagation threshold. Some predictions based on this model are in good agreement with experi-
mental data from tests on a bending specimen for a single overload and for two-level loading. ABA P.T.H.

77/09/00 77A49265

EMPIRICAL FORMULATIONS FOR THE ANALYSIS AND PREDICTION OF TRENDS FOR STEADY-STATE

FATIGUE CRACK GROWTH RATES |
Fitzgerald, J.H. |
(Northrop Corp., Aircraft Div., Hawthorne, Calif.)

Journal of Testing and Evaluation, Vol.5, Sept. 1977, p.343-353. Research sponsored by Northrop Corp.

The general characteristics of steady-state fatigue crack growth rates are discussed. An empirical formulation is described
where two constants form a basic crack growth rate versus maximum stress intensity Kmax curve, which is a straight line
on a log-log graph. The constants that form the base curves for various materials are correlated to Young's modulus. A
third parameter that is sensitive to material alloy and environment is described and methods for obtaining this value are 3
presented. Crack growth rate data for several stress ratios can then be projected to the basic modulus-dependent curve,
where straight line scatter bands and statistical information pertaining to the overall accuracy of the formulations can be
determined. ABA (author).

77/09/00 77A47508 !
PREDICTION OF FATIGUE CRACK GROWTH RATES — THEORY, MECHANISMS, AND EXPERIMENTAL

RESULTS

Irving, P.E.; McCartney, L.N.

(Aeronautical Research Council, National Physical Laboratory, Teddington, Middx., England)

(Metals Society, Fatigue Conference, Cambridge, England, Mar. 28-30, 1977.) Metal Science, Vol.11, Aug. Sept. 1977,

p.351-361.

Two kinds of continuum-based crack growth laws are reviewed. Those based on instantaneous values of cyclic crack-
opening displacement with a stress range intensity factor exponent equal to two, and those based on damage or strain
accumulation which have a stress range intensity factor exponent of four and which predict the onset of rapid crack
acceleration as the stress-intensity factor approaches the fracture toughness value. A third type of law, based on energy-
balance concepts within a crack tip process zone, predicts, for the exponent value, a gradient lying between two and four
depending on the size of the reversed plastic zone. A comparison of theoretical and experimental results suggests that
exponent-4 laws provide better agreement for data gathered in inert environments. The use of experimental data for
determining a mechanism or choosing a model is discussed. ABA M.L.

76/00/00  77A36222

APPLICATION OF FRACTURE MECHANICS TO THE PREDICTION OF CRACK GROWTH DAMAGE ACCUMULA-
TION IN STRUCTURES }
Wood, H.A.; Gallagher, J.P.; Engle, RM., Jr

(USAF, Flight Dynamics Laboratory, Wright-Patterson AFB, Ohio)

In Mechanics of Fracture; Proceedings of the Annual Winter Meeting, New York, N.Y., December 510, 1976.

(A77-36214 16-39) New York, American Society of Mechanical Engineers, 1976, p.171-190.

This paper provides a summary of current practice on predicting crack growth damage accumulation with specific applica-
tions to current USAF policies on safety and durability. Analytical procedures are required to determine safe crack
growth. The life prediction methodology is examined to illustrate the major effects of the structural parameters, material
parameters and loading. Examples are cited to give indication of confidence in making life predictions. ABA (author).
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77/01/00 TT7A21508

PHENOMENOLOGICAL EQUATION FOR THE DETERMINATION OF FATIGUE CRACK GROWTH RATES BASED
ON FRACTURE MECHANICS PARAMETERS

Marai, G.

(Babcock-Brown-Boweri-Reaktor GmbH, Mannheim, West Germany)

Materalpruetung, Vol. 19, Jan. 1977, p.17-21. In German.

A fracture mechanies equation for the determination of fatigue crack growth rates is developed under consideration off
the geometric model of closure and the partition of the stress and strain range in the vicinity of the crack up. kExpen-

mental data are presented which show that the range of tensile stress and strain has to be reduced by a constant range.

The range of tensile stress and strain which corresponds to this range is set equal to the compressive stresses and strains
in their effect on the fatigue damage. ABA (author).

77/02/00 77A21276
REVIEW OF FATIGUE-CRACK-GROWTH PREDICTION METHODS
Nelson, D.V.

T —— T “'"ET

(General Electric Co., Sunnyvale, Calif,)
(Society for Experimental Stress Analysis, Spring Meeting, Chicago, L, May 11 16, 1975)) Experimental Mechanics,
Vol.17, Feb. 1977, p.41-49,

Empirical relations for describing constant-amplitude crack-growth behavior are reviewed. The effect of stress ratio
(mean stress) on crack growth is illustrated through the use of plots analogous to constant-lifetime fatigue diagrams.
Experimentally observed load-sequence effects, such as crack retardation due to tensile overloads, acceleration due to
compressive overloads, the interaction between tensile and compressive overloads, ete. are summarized. The crack-closure
phenomenon is reviewed, since it seems to provide a plausible physical explanation for many sequence effects. Methods
of predicting crack growth under variable-amplitude loading (including irregular loadings representative of actual service)
are reviewed and some of their limitations noted. ABA (author).

76/00/00  77A13294

SPECTRUM CRACK GROWTH PREDICTION METHOD BASED ON CRACK SURFACE DISPLACEMENT AND
CONTACT ANALYSES

Dill, H.D.; Saft, C.R.

(McDonnel Aircraft Co., St Louis, Mo.)

In Fatigue Crack Growth under Spectrum Loads; Proceedings of the Symposium, Montreal, Canada, June 23, 24, 1975,
(A77-13278 03-39) Philadelphia, Pa., American Society for Testing and Materials, 1976, p.306-317; Discussion,
p.317-319.

A method for prediction of crack growth behavior has been developed, based on evaluations of stress intensity caused by
crack surface contact. The potential interference of the crack surfaces is determined from analyses of elastic displace-
ments during loading and unloading and of the permanent deformation left in the wake of a growing crack. The potential
interference is treated as a wedge acting behind the crack tip and the contact stresses created by this wedge are computed
through an elastic-plastic analysis. The effective stress intensity range used for crack growth prediction is found by sub-
tracting the stress intensity caused by these contact stresses from the applied stress intensity range. Comparisons of crack
growth behavior predicted by this method and that measured in constant amplitude tests, with and without high loads,
and in block spectrum tests have shown that the method accounts for load interaction eftects in these cases. These
effects include delayed retardation following high loads, crack growth acceleration during high loads, and dependence of
growth rates on number of high loads. ABA (author).

76/00/00  77A132902

PREDICTION OF FATIGUE CRACK GROWTH UNDER IRREGULAR LOADING

Nelson, D.V.; Fuchs, H.O.

(General Electric Co., Sunnyvale, Calit.); (Stanford University, Stantord, Calif.)

In Fatigue Crack Growth under Spectrum Loads; Proceedings of the Symposium, Montreal, Canada, June 23, 24, 1975,
(A77-13278 03-39) Philadelphia, Pa., American Society for Testing and Materials, 1976, p.267-286; Discussion,
p.287-291. Research supported by the Association of American Railroads, Deere and Co., and NSF.

Data obtained from constant-amplitude tests permit the calculation of crack growth under irregular loading. A new
method for prediction of fatigue crack growth behavior is proposed which has the ability of accounting for important
load sequence effects due to both tensile and compressive overloads. The effect of compressive loadings which cause
gross yielding is given special consideration. All predictions are made using a linear elastic fracture mechanics approach.
Two crack growth relations are used: (1) the Forman relation in conjunction v ith condensed load histories and full
histories with range-by-range growth calculation; and (2) a relation based on an effective stress intensity range concept
which tries to account for possible sequence and stress ratio effects. Predictions by the second method were much
better for the suspension history when gross yielding in compression occurred. ABA S.D.
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76/00/00  77A13279

OBSERVATIONS ON THE PREDICTION OF FATIGUE CRACK GROWTH PROPAGATION UNDER VARIABLE-
AMPLITUDE LOADING

Schijve, J.

(Delft, Technische Hogeschool, Delft, Netherlands)

In Fatigue Crack Growth under Spectrum Loads: Proceedings of the Symposium, Montreal, Canada, June 23, 24, 1975.
(A77-13278 03-39) Philadelphia, Pa., American Society for Testing and Materials, 1976, p.3-23.

The paper starts with a discussion on loads in service, after which a survey is given of various types of variable-amplitude
loading as applied in test programs. The various phenomenological aspects of fatigue damage associated with fatigue
cracks are indicated. Interaction effects between cycles of different magnitudes are defined. Methods for measuring
interaction effects, examples of interaction effects, and possible explanations are reviewed. This includes both tests with
simple types of variable-amplitude loading (overloads and step loading) and more complex load-time histories (program
loading, random load, and flight-simulation loading). New evidence on crack closure is presented. Various types of pre-
diction methods are discussed. The paper is primarily a survey of the present knowledge, with an analysis of the conse-
quences for prediction techniques. ABA (author).

75/11/00  76A12166

AN ANALYSIS OF THE INFLUENCE OF MEAN STRESS INTENSITY AND ENVIRONMENT ON FATIGUE CRACK
GROWTH IN A NEW HIGH STRENGTH ALUMINUM ALLOY

Branco, C.M.; Culver, L.E.; Radon, J.C.

(Imperial College of Science and Technology, London, England)

Joumnal of Testing and Evaluation, Vol.3, Nov. 1975, p.407413. Research supported by the Ministry of National
Education of Portugal.

The effects of the mean stress intensity factor and the range of the stress intensity on fatigue crack propagation during
wholly tensilc loading cycles in the aluminum alloy RRS8 in laboratory air and in a 3.5% NaCl solution have been studied
using contoured double-cantilever beam specimens. In general the fatigue crack growth rate in NaCl solution was greater
than in air under similar conditions except for tests in which high values of the maximum stress intensity factor were used
when no significant difference was observed. Based on the experimental data a relation between the cyclic crack growth
rate and the tensile loading levels has been proposed. ABA (author).

AIAA Paper 75-1311 75/09/00  75A45691

FRACTURE MECHANICS LCF LIFE PREDICTION SYSTEM WITH APPLICATION TO AN ADVANCED GAS
TURBINE ALLOY

Hurchalla, J.; Johnson, H.E.; Wallace, R.M.

(United Technologies Florida Research and Development Center, West Palm Beach, Fla.)

American Institute of Asronautics and Astronautics and Society of Automotive Engineers, Propulsion C onference, 1 1th,
Anaheim, Calif., Sept. 29-Oct.1, 1975, AIAA 9 p.

The basic philosophy and application of fracture mechanics concepts to the design of advanced rotating hardware
employing a high-strength alloy are reviewed. Turbine disk lug fractures occurring during engine development endurance
testing are examined. A fracture mechanics life prediction technique is found to be suitable for design of high-
temperature cyclic rupture of a disk notch. A general approach to LCF life prediction using only a fracture mechanics
crack growth mechanism is shown to be a viable method, although offering no benefit in accuracy over traditional LCF
design methods. A combined life prediction system is identified as representing the best approach based on prediction
scatter. ABA S.D.

ASME Paper 75-MAT-N  75/07/00 75A38730

PREDICTIONS OF THE EFFECT OF YIELD STRENGTH ON FATIGUE CRACK GROWTH RETARDATION IN
HP-9Ni-4Co-30C STEEL

Petrak, G.J.; Gallagher, J.P.

(Dayton, University, Dayton, Ohio); (USAF, Flight Dynamics Laboratory, Wright-Patterson AFB, Ohio)

(American Society of Mechanical Engineers, 1975.) ASME, Transactions, Series H — Journal of Engineering Materials and
Technology, Vol.97, July 1975, p.206-213.

Baseline mechanical property data, constant amplitude fatigue crack growth rate data, and single-peak overload test data
are presented for HP-9Ni-4Co-30C steel heat treated to three strength levels. These data are then used to evaluate a new
model proposed for defining the instantaneous crack growth rate following an overload. The constant amplitude crack
growth rates are affected by the strength level of the material with the higher strength exhibiting the faster cracking rates.
The magnitude of retardation following an overload cycle is also shown to be influenced by the strength of the material.
The lower strength steel displayed significantly more retardation for the same load levels. A general yield zone model is
used to predict retarded growth rates. These predictions are shown to correlate quite well with the test data. The model
successfully accounts for the different amounts of retardation associated with the different strength levels of the material.
ABA (author).
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ASLE Preprint 74LC-5A-2  74/10/00  75A1218]

DETERMINING FATIGUE CRACK PROPAGATION RATES IN LUBRICATING ENVIRONMENTS THROUGH THE
APPLICATION OF A FRACTURE MECHANICS TECHNIQUE

Polk, C.J.; Murphy, W.R.; Rowe, C.N.

(Mobil Research and Development Corp., Princeton, N.J.)

American Society of Lubrication Engineers and American Society of Mechanical Engineers, Joint Lubrication Conference,
Montreal, Canada, Oct. 8 -10, 1974, ASLE 8 p.

73/12/00  74A22503

A REVIEW OF SOME DAMAGE TOLERANCE DESIGN APPROACHES FOR AIRCRAFT STRUCTURES
Toor, P.M.

(Lockheed-Georgia Co., Marietta, Ga.)

(Symposium on Fracture and Fatigue, George Washington University, Washington, D.C., May 3-5, 1972))
Engineering Fracture Mechanics, Vol.5, Dec. 1973, p.837-880.

The properties of available methods for residual strength analysis in aircraft structures are assessed with attention to their ]
limitations. Various linear and nonlinear crack propagation laws and loading effects in crack propagation are discussed. '{
Fracture mechanics methods are applied to several types of structural components under spectrum-loading conditions.
A comparison of test and analysis data .or complex structures under loads indicated that simple methods of fracture
mechanics should be effective in determining the damage tolerance strength and crack growth rates in aircraft compo-
nents. More studies of the effectiveness of fracture mechanics methods on full-scale structural testpieces are urged to
support positive laboratory evaluations of such methods. ABA V.Z.

72/12/00 73A18482

METHOD OF ANALYSIS AND PREDICTION FOR VARIABLE AMPLITUDE FATIGUE CRACK GROWTH
Porter, T.R.

(Boeing Co., Research and Engineering Div., Seattle, Wash.)

(Symposium on Fracture and Fatigue, George Washington University, Washington, D.C., May 3-5, 1972)) 3
Engineering Fracture Mechanics, Vol.4, Dec. 1972, p.717-736. | 9

In this analysis method, the crack growth rate is evaluated for each load cycle using a modification of the fracture
mechanics correlation technique. The crack growth for each cycle was evaluated as a function of the stress intensity

factor excursion with a correction factor for the maximum and minimum peak stress levels in the test spectrum. The

fatigue crack growth correction for the peak stresses in the spectrum is given as a growth rate correction factor R. |
The relationship for R, is termed the ‘fatigue crack growth rate interaction model’. For verification, the interaction

model was applied to test data from spectrum loading tests. The correlation obtained for the example, indicated that

the model properly predicts the interaction effects and its use could significantly improve the accuracy of crack

growth life calculations for programmed spectrum tests. ABA (author).

72/09/00  73/A15298 1
FATIGUE CRACK PROPAGATION IN TERMS OF FRACTURE MECHANICS CONCEPTS
Castagna, M. 11

(Centro Sperimentale Metallurgico, Rome, Italy)
(Associazione Italiana di Metallurgia, Convegno Nazionale, 15th, Bologna, Italy, June 1972.) Metallurgia Italiana, Vol.44,
Sept. 1972, p.407-413; Discussion, p.413, 414. In Italian.

Treatment of the problem of fatigue fracture of a structural element on the basis of an analysis of the processes of growth
of a crack from an initial dimension to a final or critical dimension. It has been shown experimentally that the main
parameter controlling the propagation velocity of a fatigue crack is the cycle variation of the stress intensificat.on factor,
in terms of which a formula expressing the resistance of a material to crack propagation due to cyclic or, more generally,
time-variable stresses is obtained. This type of characterization is performed on various types of steel and, in particular,
on 38NiCrMo4 tempered at various temperatures after quenching in such a way as to obtain various resistance levels.
ABA ABK.

AD-A044420 FR-8101 AFML-TR-76-176 77/04/00 78N12092

CUMULATIVE DAMAGE FRACTURE MECHANICS AT ELEVATED TEMPERATURES
Sims, D.L.; Annis, C.G., Jr; Wallace, R.M.

Pratt and Whitney Aircraft, West Palm Beach, Fla. (Government Products Div.)

The interpolative hyperbolic sine model for mission-mix crack growth was used to predict the propagation histories and
cycles-to-failure for two specimen geometries (compact tension and surface crack) at two temperatures (1000°F and
1200°F). Results were encouraging with an average prediction error of less than 15%. ABA author (GRA).

AD-A002554 ASD-TR-74-24  74/06/00 75N20777
FRACTURE MECHANICS OF TINY CRACKS NEAR FASTENERS
Anderson, W.E.

Battelle Columbus Labs., Ohio

This report deals with the question of how tiny a crack might be in aluminum alloys of high strength and still be
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' analytically treated by the methods of linear elastic fracture mechanics (LEFM). These techniques are used to obtain
i estimates of the expected rate of crack extension. Under simple cyclic loadings, LEFM-based predictions are usually
3 within a factor of two from measured experimental results. ABA GRA.

NG

73/05/00  73N29932

A SUMMARY OF CRACK GROWTH PREDICTION TECHNIQUES

Wood, H.A.

Air Force Flight Dynamics Lab., Wright-Patterson AFB, Ohio.

In AGARD Fatigue Life Prediction for Aircraft Struct. and Mater. 31 p (see N73-29924 20-32)

The use of material growth rate data and analytical retardation models in predicting crack growth under variable ampli-
tude loading is reviewed. Retardation models of current interest are discussed and compared. An effective stress model
is described, including the mathematical formulation, applicability and usage limitations. Comparison of analyses and
tests for typical spectra are shown. A primary factor in the accurate prediction of spectrum crack growth behavior is the
proper representation of basic growth rate data including consideration of R factor shift and possible limit, threshold |
levels of stress intensity, closure effects and environment. The relative significance of each of these parameters on total |
crack growth life is discussed. ABA author. i
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CATEGORY F — STATISTICS AND RELIABILITY

77/08/00 77A46729

PROBABILISTIC FRACTURE MECHANICS

Besuner, P.M.; Tetelman, A.S.

(Failure Analysis Associates, Palo Alto, Calif.)

Nuclear Engineering and Design, Vol.43, No.1, Aug. 1977, p.99-114. Research sponsored by the Electric Power Rescarch
Institute.

Probabilistic fracture mechanics (PFM) analysis of structural components exhibiting crack-like imperfections is developed
as a tool for predicing and enhancing structural reliability, and PFM methodology and applications are discussed. PFM

is subsumed under engineering probability and reliability analysis, and leans on deterministic stress analysis and material
models in estimating residual static strength or fatigue lifetime of cracked structures. A nomographic technique for
selecting the mean yield strength of an alloy minimizing failure probability for a hypothetical component with yielding
and brittle fracture failure modes, Monte Carlo simulation programs, computation of fatigue failures stemming from
crack-like flaws in the uniformly stressed region of a typical turbine rotor spindle are discussed, and computation of the
initiation cycles required to generate an actual fatigue crack, are discussed. ABA R.D.V.

76/00/00 77A13293

STRUCTURAL RELIABILITY PREDICTION METHOD CONSIDERING CRACK GROWTH AND RESIDUAL
STRENGTH

Varanasi, S.R.; Whittaker. 1.C.

(Boeing Commercial Airplane Co., Seattle, Wash.)

In Fatigue Crack Growth under Spectrum Loads: Proceedings of the Symposium, Montreal, Canada, June 23, 24, 1975.
(A77-13278 03-39) Philadelphia, Pa., American Society for Testing and Materials, 1976, p.292-305.

An analysis method to estimate structural reliability based on crack growth and residual strength of aircraft structures is
presented. The method is based on linear elastic fracture mechanics theory and allows for the variability of crack initia-
tion and growth found in the experimental data of various metals. At a reference stress intensity factor, the central
tendency and the variance values of material crack-growth parameters are determined. Combinations of these parameters
are selected by Monte Carlo simulation techniques, and are used to describe the characteristically stochastic behavior

of crack growth in a material. This description of material crack-growth behavior is then applied to the typical case of
built-up skin-stringer configuration of fail-safe type airplane structures to predict the number and size of cracks in a fleet
at any time during its life. Thus, inspection routines may be established, based on realistic fleet performance, to provide
suitable levels of structural reliability for a fleet of airplanes during its operational lifetime. ABA (author).

ACS Paper 53-BE-75F  76/10/00 76A46282

AN ERROR ANALYSIS OF FAILURE PREDICTION TECHNIQUES DERIVED FROM FRACTURE MECHANICS
Wiederhorn, S.M.; Fuller, E.R., Jr; Mandel. J.; Evans, A.G.

(National Bureau of Standards, Institute for Materials Research, Washington, D.C.); (Rockwell International Science
Center, Thousand Oaks, Calif.)

(American Ceramic Society, Fall Meeting, Indianapolis, Ind., Sept. 21 -24, 1975.) American Ceramic Society, Journal,
Vol.59, Sept.—-Oct. 1976, p.403-411.

Three principal methods of failure prediction for brittle materials are analyzed statistically. Each method depends on
fracture mechanics for its predictive value; hence the variance of the failure time depends on the scatter in the fracture-
mechanics data and the scatter in the estimate of the initial size of the strength-limiting crack. The variance is used to
calculate confidence limits for the prediction of failure for glass and sic. Procedures for the collection and analysis of
data are discussed, and the implications of the analysis for lifetime prediction are evaluated. ABA (author).

75/04/00 75A34145

STATISTICAL CONSIDERATIONS IN LINEAR ELASTIC FRACTURE MECHANICS

Lende, E.M.; Neal, D.M.; Spiridigliozzi, I.

(US Army, Army Materials and Mechanics Research Center, Watertown, Mass.)

(US Air Force, US Navy, US Army, and NASA, Symposium on Propulsion System Structural Integration and Engine
Integrity, Monterey, Calif., Sept. 3—6, 1974.) Journal of Aircraft, Vol.12, Apr. 1975, p.411-420. ARPA-supported
research. v

Critical defect-size distributions are estimated for various metals and for hot-pressed silicon nitride using the Monte Carlo
method. With regard to the critical flaw-size computation, resuits obtained for the numerous materials are compared to
the sensitivity or probability of detection of particular flaw sizes based on existing nondestructive evaluation techniques.
In several instances, defect detection is the limiting factor. Comparison of flaw estimates for the silicon nitride to fracto-
graphic observations demonstrates capability of order-of-magnitude accuracy. The technique is also used to explore the
influence of variable parameters in a simple crack-growth law. An important result was the nonnormality of life estimates,
even though normal distributions were used for input variables. The consequence is a much lower probability of
occurrence for the modal value of the life distribution than might be anticipated. With regard to the Monte Carlo method,
the paper demonstrates that selection of the appropriate number of simulations must rely on consideration of third- and
higher-order moments of the resulting statistical distributions. ABA (author).
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NASA-CR-150301 E-16-646  77/06/00  77N27178

PROBABILISTIC FRACTURE MECHANICS AND OPTIMUM FRACTURE CONTROL ANALYTICAL PROCEDURES
FOR A REUSABLE SOLID ROCKET MOTOR CASE

Hanagud, S.: Uppaluri, B.

Georgia Inst. of Tech., Atlanta. (School of Aerospace Engineering.)

A methodology for the reliability analysis of a reusable solid rocket motor case is discussed. The analysis is based on
probabilistic fracture mechanics and probability distribution for initial flaw sizes. The developed reliability analysis

is used to select the structural design variables of the solid rocket motor case on the basis of minimum expected cost and
specified reliability bounds during the projected design life of the case. Effects of failure prevention plans such as non-
destructive inspection and the material erosion between missions are also considered in the developed procedure for selec-
tion of design variables. The reliability-based procedure can be modified to consider other similar structures of reusable
space vehicle systems with different failure prevention plans. ABA author.

PB-248910/2 NBSIR-75-952  75/12/00  76N22307

AN ERROR ANALYSIS OF FAILURE PREDICTION TECHNIQUES DERIVED FROM FRACTURE MECHANICS
Wiederhorn, S.M.: Fuller, F.R., Jr; Mandel, J., Evans, A.G.

(Rockwell Intern. Corp., Thousand Oaks, Calif.)

National Bureau of Standards, Washington, D.C. (Inst. for Materials Research.)

Three principal methods of failure prediction for brittle materials are analyzed statistically. Each method depends on
fracture mechanics for its predictive value and hence, the variance of the failure time is found to depend on the scatter

in the fracture mechanics data and the scatter in the estimate of the initial size of the strength limiting crack. The variance
is used to calculate confidence limits for the prediction of failure for two materials, glass and silicon carbide. Procedures
for the collection and analysis of data are discussed, and the implications of the analysis for lifetime prediction are
evaluated. ABA GRA.

PB-246255/4 FAA-754-6 EPRI-217-1-TR-4  75/07/00  76N20269
PROBABILISTIC FRACTURE MECHANICS

Besuner, P.M.; Tetelman, A.S.

Failure Analysis Associates, Palo Alto, Calif.

Methodology is developed for probabilistic fracture mechanics analysis (PFM) of structural components with crack-like
imperfections. Details are given for the development and application of both a simple nomographic method and a basic
numerical tool for PFM applications. Two illustrative applications based on linear elastic fracture mechanics are included
to demonstrate the utility of PFM. The first example selects the mean yield strength of an alloy in order to minimize
the probability of failure for a hypothetical component with two failure modes, yielding and brittle fracture. The second
example points out the need for and current unavailability of required input data. ABA GRA.
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CATEGORY G — MISCELLANEOUS, INCLUDING FRACTURE MECHANIC: OF COMPOSITES

77/01/00 T7A22871

CRITICAL LOOK AT CURRENT APPLICATIONS OF FRACTURE MECHBANICS TO THE FAILURE OF FIBRE-
REINFORCED COMPOSITES

Kanninen, M.F.; Rybicki, E.F.; Brinson, H.F.

(Battelle Columbus Laboratories, Columbus, Ohio); (Virginia Polytechnic Institute and State University, Blacksburg, Va.)
Composites, Vol .8, Jan. 1977, p.17-22.

While successful for failure analysis of many commonly used structural materials, fracture-mechanics applications to fibre-
reinforced composites have so far not been as effective. The paper explores some basic reasons for this. A brief review

of the micromechanical events involved in composite fracture is given first. then a critical appraisal is made of various
analytical contributions that have appeared in the literature. It is found that these are generally empirical extensions of
linear elastic fracture mechanics that are not capable of coping with the complexity of the crack-extension process as seen
from the micromechanical point of view. It is conciuded that innovative fracture-mechanics techniques are required;

one possibility is suggested. ABA (author).

75/00/00 76A22466

LIMITATIONS OF FRACTURE MECHANICS AS APPLIED TO COMPOSITES

Smith, C.W.

(Virginia Polytechnic Institute and State University, Blacksburg, Va.)

In Inelastic Behavior of Composite Materials; Proceedings of the Winter Annual Meeting, Houston, Tex., November 30—
December 5, 1975. (A76-22460 09-24) New York, American Society of Mechanical Engineers, 1975, p.157-175.

The evolution of the fracture mechanics analysis of composite materials is reviewed. The modified Griffith-Irwin fracture
mechanics is described, with emphasis on the role of the stress intcnsity factor and the strain energy release rate for both
isotropic and anisotropic materials. Fatigue crack growth in isotropic materials is treated. A micromechanical approach
is presented for modeling crack-fiber-bond line interactions in infinite media. Current macromechanical approaches to
this problem are described. These include the critical volume and strain energy density theories, the hybrid theory and
the strip yield model, and the approximate theories of hypothetical crack and critical distance. All of these theories
require the exclusion of a nonlinear zone near the crack tip in which significant material damage may occur. ABA B.J.

76/02/00 76A20533

FRACTURE MECHANICS OF METAL MATRIX-METAL FIBRE COMPOSITES
Arkhangelska, I.N.; Mileiko, S.T.

(Akademiia Nauk SSSR, Institut Fiziki Tverdogo Tela, Chernogolovka, USSR)
Journal of Materials Science, Vol.11, Feb. 1976, p.356-362.

A model of the metal matrix-metal fiber composite has been constructed. The critical stress intensity coefficient has been
estimated taking into account the increase of the energy absorbing capacity of a fiber surrounded by a plastic matrix due
to the increase of the elongation at rupture of the fiber under these conditions. The results of experiments carried out

on aluminum matrix-steel fibers composites support the validity of the model. The effect of conditions at the fiber-
matrix interface on the fracture toughness of the composite has also been studied. ABA (author).

75/00/00 76A16817

A FINITE-ELEMENT PROGRAM FOR FRACTURE MECHANICS ANALYSIS OF COMPOSITE MATERIAL
Atluri, S.N.; Kobayashi, A.S.; Nakagaki, M.

(Georgia Institute of Technology, Atlanta, Ga.); (Washington, University, Scattle, Wash.)

In Fracture Mechanics of Composites; Proceedings of the Symposium, Gaithersburg, Md., September 25, 1974.
(A76-16813 05-39) Philadelphia, Pa., American Society for Testing and Materials, 1975, p.86-98.

A hybrid displacement model is proposed for solving two-dimensional fracture mechanics problems for rectilinear-
anisotropic materials. This finite<lement procedure uses four singular elements surrounding the crack tip and regular
elements occupying the remaining region. The applications discussed deal with a center crack in a bimaterial tension
plate, a center crack orthotropic tension plate, a double edge-cracked tension plate, a three-point bend specimen, and a
slanted-crack orthotropic tension plate. The relative merits of the hybrid displacement method are included. ABA S.D.

75/00/00 76A16813

FRACTURE MECHANICS OF COMPOSITES

Proceedings of the Symposium, Gaithersburg, Md., September 25, 1974, Symposium sponsored by the American Society
for Testing and Materials. Philadelphia, Pa., American Society for Testing and Materials (ASTM Special Technical
Publication, No.593), 1975, 235 p.

This collection of papers is concerned with a state-of-the-art review of analysis methods for studying the complex
phenomena related to the fracture processes in composite laminates, along with fracture toughness data on commonly
used high-performance composites and adhesives. Particular attention is paid to crack arrestment of laminated compo-
sites and to crack arrestment strip concepts. Featured topics discuss three-dimensional stress distribution in the vicinity

O
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ol through-the-thickness crack with and without crack tip damage, determination of stress intensity factors for cracks in
faminates modeled as homogeneous solids, a fracture theory used to explain the fracture behavior of laminates containing
both circular and sharp notches, crack size effect in composites, and characterization of a structural adhesive used in
bonding materials. Individual items are announced in this issue. ABA S.D.

74/09/00 74A45810

FRACTURE MECHANICS OF PLASTIC-FIBER COMPOSITES

Sih, G.C.; Chen, E.P.; Huang, S.L.

(Lehigh Umversity, Bethlehem, Pa.); (US Naval Material Command, Naval Air Development Center, Warminster, Pa.)
Engineering Fracture Mechanics, Vol.o, Sept. 1974, p.343-359.

The concept of fracture mechanics is introduced to characterize the toughness of fiber-reinforced composites which
should be distinguished from tensile strength. A material may have a high tensile strength but a low toughness, meaning
that it has a low resistance to crack extension. Depending on the analytical model used, the same experimentat data may
report different fracture toughness values. In general, the combination of crack propagation in directions parallel and
perpendicular to the fibers makes the composite problem very difficult to analyze. Composites with well-aligned fibers
are more susceptible to crack propagation parallel than perpendicular to the fibers and can be analyzed with a reasonable
degree of accuracy by using the existing KC or SC theory in fracture mechanics. The KC or SC values for several compo-
sites are reported and applied to solve various example problems illustrating the advantage of fiber reinforcement. ABA
(author).

73/00/00  73A43629

FRACTURE MECHANICS FOR FIBROUS COMPOSITES.

Sih, G.C.: Hilton, P.D.; Badaliance, R.; Shenberger, P.S.; Villarreal, G.

(Lehigh University, Bethlehem, Pa.)

In Analysis of the Test Methods for High Modulus Fibers and Composites: Proceedings of the Symposium, San Antonio,
Tex., April 12,13, 1972, (A7343626 23-18) Philadelphia, American Society for Testing and Materials, 1973, p.98-132.

in the present paper, a combined theoretical and experimental research report for investigating the application of fracture
mechanics to composite systems is carried out. Preliminary results are presented which include the development of two
tiber reinforced composite crack models (one with a low-fiber-volume fraction and the other a high-fiber-volume fraction)
and corresponding experimental data. The qualitative features of the theoretical prediction are in agreement with the
experimental data indicating that there exists an optimum fiber volume fraction tor which the composite achicves
maximum fracture toughness. Tests were performed on unidirectional fiber reinforced composites with the crack running
parallel to the fibers. For this arrangement, the current theory of fracture mechanics is shown to apply with good
accuracy for glass fiber composites. ABA (author).

73/00/00  73A43628

FRACTURE MECHANICS AND COMPOSITE MATERIALS A CRITICAL ANALYSIS

Zweben, C.

(Du Pont de Nemours and Co., Inc., Wilmington, Del.)

In Analysis of the Test Methods for High Modulus Fibers and Composites: Proceedings of the Symposium, San Antonio,
Tex.. April 12, 13,1972, (A73-43626 23-18) Philadelphia, American Society for Testing and Materials, 1973, p.65-97.

The emergence of advanced filamentary composite materials as a structural material comes at a time of increasing concern
over reliability. This places increasing emphasis on the ability to characterize the fracture and fatigue behavior of these
materials. This paper discusses what appear to be the three main approaches being pursued. The first applies classical
fracture mechanics (CFM) on a macroscopic level, treating composites as homogeneous, anisotropic materials. The second
recognizes material heterogeneity and applies CEM to the problems of crack propagation in the matrix and fiber phases
and interfaces separately. The third method, which might be called the material modeling approach, uses approximate
models in order to represent the major effects of heterogeneity and to simplify the analysis. ABA (author).

ASME Paper 73-DE-20  73/04/00  73A30821

FRACTURE MECHANICS OF PLASTIC-FIBER COMPOSITES

Sih, G.C.: Chen, E.P.; Huang, S.L.

(Lehigh University, Bethlehem, Pa.): (US Naval Material Command, Aero Mechanics Dept., Warminster, Pa.)
American Society of Mechanical Engineers, Design Engineering Conference and Show, Philadelphia, Pa., Apr. 9 12,
1973, 12 p.

The concept of fracture mechanics is introduced to characterize the toughness of fiber-reinforeed composites which
should be distinguished from tensile strength, A material may have a high tensile strength but a low toughness

meaning that it has a low resistance to crack extension. Depending on the analytical model used, the same experimental
data may report different tracture toughness values. In general, the combination of crack propagation in directions
parallel and perpendicular to the fibers makes the composite problem very difficult to analyze. Composites with well-
aligned fibers are more susceptible to crack propagation parallel to the fibers than perpendicular and can be analyzed with
a reasonable degree of accuracy by using the existing KC or SC-theory in fracture mechanics. ABA (author).




72/00/00  73A25813
FRACTURE MECHANICS FOR CORROSION FATIGUE

McClintock, F.A.

(MIT, Cambridge, Mas.)

In Corrosion Fatigue Chemistry, Mechanics and Microstructure; Proceedings of the International Conference, Storrs,
Conn., June 14 18, 1971. (A73-25801 11-17) Houston, Tex., National Association of Corrosion Engineers, 1972,
p.289-301: Discussion, p.301, 302.

The stress and displacement fields that correspond to a given stress intensity factor are analyzed, and methods of deter-
mining the stress intensity factor for bodies of various shape under various loads are examined. The concepts of the
opening displacement and the opening angle at the crack tip are introduced which are relevant to the initiation of growth
from a preexisting crack or to crack propagation in the rigid plastic regime. Such characterizations of the stress and dis-
placement fields around a growing corrosion fatigue crack are useful for correlating crack growth rates under test and
service conditions. They do not, however, describe the essentially plastic surroundings that are seen by the chemical and
dislocation processes on an even finer scale. The nature of a fracture criterion that would serve as an internal boundary
condition for an elastic plastic continuum solution is studied on the basis of some fully plastic solutions. The quantita-
tive determination of such a fracture criterion is examined. ABA V.P.

73/02/00 73A23251

FRACTURE MECHANICS OF BRITTLE MATRIX DUCTILE FIBER COMPOSITES
Tardiff, G., Jr

(California, University, Livermore, Calif.)

Engineering Fracture Mechanics, Vol.§, Feb. 1973, p.1-10. AEC-sponsored research.

A model to predict the increase in critical flaw size or stable crack growth potential which can occur by the inclusion of
ductile fibers in a brittle matrix is considered. The model is based upon the superposition of two known stress intensity
solutions; one for the crack opening mode resulting from a remotely applied stress and the second, an opposing stress
intensity that results from a crack closing force exerted by unbroken fibers spanning the crack surfaces. The extent of
stable growth possible is computed at the ultimate stress of the brittle phase as functions of fiber strength and of volume
fraction for various amounts of fiber rupture. A hot pressed beryllium matrix is usea as an example. The crack surface
displacement over which a given fiber is capable of deforming without rupture is found to be sensitive to the fiber-matrix
interface strength. ABA (author).

AD-A046280 NOR-7741-Vol-1 AFFDL-TR-77-31-Vol-1  77/06/00  78NI5513

CHARACTERIZATION OF FATIGUE CRACK GROWTH IN BONDED STRUCTURES. VOLUME 1: CRACK
GROWTH PREDICTION IN BONDED STRUCTURES

Ratwani, M.M.

Northrop Corp., Hawthorne, Calif. (Aircraft Div.)

This is the first of two volumes that present methods for solving crack problems in the metallic elements of adhesively
bonded structures. There are six major sections in the report that cover the following topics: (1) Methods of analysis,
namely the finite element method and the integral equation method. Assumptions in the analysis and the influence of
various parameters on the analytical results. (2) Criteria for the propagation of a debond. (3) Criterion for the crack
transfer to a sound layer. (4) Verification test program. (5) Sensitivity of analysis to various parameters. (6) Limitations
of the analysis. The stress intensity factors have been obtained for the geometries of: (1) a cracked sheet with an
adhesively bonded stringer, and (2) a two-layer bonded structure with a center crack, an edge crack and a crack at a hole.
The influence of finite boundaries, adhesive methods, debond size, and bending on stress intensity factors has been
studied. Comparison has been made of actual crack growth life and that based on analytical stress intensity factors. The
crack growth life has been predicted analytically within ten percent of actual life. The influence of adhesive and
adherend materials and thicknesses on crack growth life has been studied. The predicted debond sizes have been
compared with those observed experimentally. A criterion for the cracking of a sound layer, based on load transfer to a
sound layer, has becn developed. ABA author (GRA). .

AD-A045877 AMMRC-MS-77-5  77/06/00  78N13482
CASE STUDIES IN FRACTURE MECHANICS

Rich, T.P.; Carwright, D.J.

Army Materials and Mechanics Research Center, Watertown, Mass.

A collection of more than thirty case studies is presented covering a wide range of practical engineering applications of
fracture mechanics to design, inspection, maintenance, and failure analysis. The case studies are written by individual
specialists within industry, government, and academia from the United States and Great Britain. The collection is divided
into five sections corresponding to (1) aerospace, (2) joints and mountings, (3) pressure vessels and rotating machinery,
(4) surface vehicles, and (5) materials. Most of the case studies are between twelve and fifteen pages in length and written
to a standard format. The interdisciplinary nature of fracture applications is reflected in the case studies, and the reader
is brought through a sequential development and solution of actual engineering problems in an interesting and economical
manner. ABA author (GRA).
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AD-A038936 NADC-76387-30  76/12/14  77N29231

INVESTIGATION OF DAMAGE TOLERANCE OF GRAPHITE/EPOXY STRUCTURES AND RELATED DESIGN
IMPLICATIONS

Adsit, N.R.; Waszczak, J.P.

General Dynamics/Convair, San Diego, Calif.

This investigation was undertaken to evaluate the damage tolerance of typical graphite/epoxy structure to service damage.
AS/3501 graphite/epoxy I-stiffened panels and honeycomb panels were fabricated and its tolerance to low-velocity
impacts was measured. Three impact threats were investigated; runway stones, a blunt impactor with a tip radius of

0.64 cm (1/4 inch), and a blunt impactor with a tip radius of 2.54 cm (1 inch). Impact parameters were selecte! that
would just cause visual damage. This worked well for the runway stones, but for the tests of the one-inch penctrator on
the honeycomb panels visual damage was not easily observed. C-scan damage was, however, easily detectable. Residual
strength specimens were cut from the damaged panels and tested. The specimens contained damage at levels of 70, 100,
130% of the level to cause visual (or C-scan) damage. ABA GRA.

75/00/00  76N32582

LINEAR ELASTIC FRACTURE MECHANICS AS AN AID IN JUDGING SERVICE FAILURES
Vonschuetz, W.

Industrieanlagen-Betriebsgesellschaft mbH, Ottobrunn (West Germany)

Requirements to be met by a crack propagation formula are discussed, and the Formann formula is advocated for crack
propagation calculations. Examples of service failures are given in which the fracture mechanics approach was used
successfully to judge the causes of failure and to prevent further failures. ABA author.

AD-A001609 SM-74-2 AFML-TR-74-111  74/04/00  75N19372

EXPLORATORY DEVELOPMENT ON FRACTURE MECHANICS OF COMPOSITE MATERIALS
Cruse, T.A.; Osias, J.R.

Carnegie-Mellon Univ., Pittsburgh, Pa. (Dept of Mechanical Engineering.)

An extended experimental and analytical study of linear elastic fracture mechanics for graphite/epoxy advanced
composite laminates is reported herein. The experimental program successtully addresses three topics: the existence of
valid fracture toughness testing of composites; the hypothesis that angle-ply fracture strength is governed by fiber
tensile strength; and, the fracture strengths of angle-ply laminates can be correlated on the basis of a critical strain
energy release rate model. Two independent test specimen geometries are used to show that valid fracture strengths can
be obtained, subject to discussed size constraints for specimen geometries. The analytical study makes use of a previously
reported stress analysis method for crack tip stress intensity factors using a special form of the boundary-integral equation
method. The problems of center notched tensile loaded plates with edge cracks emanating from the notch edges are
analyzed in detail. A possible correlation of two strength models for notched laminates is reported. ABA GRA.

74/01/00  74N23442

AN ANALYSIS OF TEST FATIGUE FAILURE BY FRACTOGRAPHY AND FRACTURE MECHANICS
Peel, C.J.

Royal Aircraft Establishment, Farnborough (England)

In AGARD Fracture Mechanics of Aircraft Structures, p.503-S08 (see N74-23413 14-32).

The fracture surfaces of two fatigue cracks, that had caused the failure of an engine impeller during a fatigue substantia-
tion test, were examined by electron microscopy to find the number of fatigue crack growth cycles. This was done by
measuring the spacings of fatigue striations on the fracture surface as a function of crack depth and by subsequent
integration of the striation spacing versus crack depth expression., The measured striation spacings were compared with
laboratory crack growth data to determine the fatigue stress intensity range as a function of crack depth and hence the
fatigue stress range. The number of crack initiation cycles was then found by comparing the fatigue stress range and
number of crack growth cycles with further laboratory data and the total fatigue life was calculated to have been
approximately 50,000 cycles. This identified the fatigue loading that had caused the failure as having been the 29179
cycles of engine acceleration and deceleration that had been applied during the test. ABA author.

NASA-CR-124469 73/05/31 74N10835

EVALUATION OF STRESS CORROSION CRACKING SUSCEPTIBILITY USING FRACTURE MECHANICS
TECHNIQUES, PART 1

Sprowls, D.O.; Shumaker, M.B.; Walsh, J.D.; Coursen, J.W.

Aluminum Co. of America, Pittsburgh, Pa.

Stress corrosion cracking (SSC) tests were performed on 13 aluminum alloys, 13 precipitation hardening stainless steels,
and two titanium 6AI-4V alloy forgings to compare fracture mechanics techniques with the conventional smooth
specimen procedures. Commercially fabricated plate and rolled or forged bars 2 to 2.5 in thick were tested. Exposures
were conducted outdoors in a seacoast atmosphere and in an inland industrial atmosphere to relate the accelerated tests
with service type environments. With the fracture mechanics technique tests were made chiefly on bolt loaded fatigue
precracked compact tension specimens of the type used for plane-strain fracture toughness tests. Additional tests of the
aluminum alloy were peformed on ring loaded compact tension specimens and on bolt loaded double cantilever beams.
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For the smooth specimen procedure 0.125-in dia. tensile specimens were loaded axially in constant deformation type
frames. For both aluminum and steel alloys comparative SCC growth rates obtained from tests of precracked specimens
provide an additional useful characterization of the SCC behavior of an alloy. ABA author.
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CATEGORY H — FRACTURE CONTROL

77/00/00 77A37645

ADVANCED NONDESTRUCTIVE INSPECTION TECHNIQUES AS APPLIED TO FRACTURE MECHANICS
DESIGN FOR TURBINE ENGINE COMPONENTS

Packman, P.F.

(Vanderbilt University, Nashville, Tenn.)

In Fatigue Life Technology: Proceedings of the symposium, Philadelphia, Pa., March 27 31, 1977. (A77-37638 17-07)
New York, American Society of Mechanical Engineers, 1977, p.95-116.

The reliability of nondestructive testing techniques in detecting microdefects in gas turbine engine components is
examined with particular reference to four techniques which have demonstrated high detection potential. These are high
resolution eddy current bolt hole scans; the KET radioactive gas penetrant system; adoptive leaming techniques applied
to ultrasonics; and acoustic emission flaw characterization. The advantages and drawbacks of each technique are noted.
A nondestructive inspectior: transfer function is proposed which can be used to translate reliability data from simple to
complex shapes, thus minimizing the need for expensive demonstration programs on complex shapes. ABA V.P.

74/00/00 75A18202

FRACTURE MECHANICS EVALUATION METHODICS FOR MAGNETIC PARTICLE INSPECTION AND
PENETRATION TESTING

Richter, H.-U.; Ruehe, E.

(NEB Schwermaschinenbau, Magdeburg, East Germany)

In Conference on Dimensioning and Strength Calculations, 5th and Congress on Material Testing, 6th, Budapest, Hungary,
October 28 November 1, 1974, Proceedings. Volume 1. (A75-18192 06-39) Budapest, Akademiai Kiado, 1974, p.1-459
to 1-469.

Approaches for the comprehensive evaluation of the frs-iuring properties of a structural component are considered,
giving attention to the establishment of acceptable and unacceptable crack parameters. Most of the factors involved can
be quantitatively assessed by using the methods of fracture mechanics. The evaluation pattern is considered, taking into
account design data, crack size, crack density, and the type of defect. A defect classification scheme can provide the
basis for a decision concerning the acceptability of the specimen. ABA GRA.

AIAA Paper 72-383  73/11/00  74A15968

FRACTURE MECHANICS APPLICATIONS IN MATERIALS SELECTION, FABRICATION SEQUENCING AND
INSPECTION

Krupp, W.E.; Hoeppner, D.W.

(Lockheed-California Co., Burbank, Calif.)

(AIAA, ASME, and SAE, Structures, Structural Dynamics, and Materials Conference, 13th, San Antonia. Tex., Apr.
1012, 1972, AIAA) Journal of Aircraft, Vol.10, Nov. 1973, p.682-688.

Description of the use of fracture mechanics concepts in quantitative comparisons of the effects of various alternatives
involved in the design, manufacture, assembly, and quality assurance of critical parts and, in particular, of fracture-critical
aircraft components. Specific examples are presented for illustration. ABA M.V.E.

74/01/00 74N23437

NONDESTRUCTIVE TESTING (NDT) AND FRACTURE MECHANICS

Bolis, E.

Aeritalia SPA, Torino (ltaly)

In AGARD Fracture Mechanics of Aircraft Structures, p.413-417 (see N74-23413 14-32)

The basic concepts of nondestructive testing (NDT) are reviewed in relationship with fracture mechanics concepts. The
necessity of correlating basic differences between ordinary destructive mechanical tests and NDT is considered. The use
of NDT for assessment of integrity of aircraft components and structures, after fabrication and during service life is
discussed. Inherent limitations of NDT and necessity of interdepartmental team work are reviewed. General information
on routine and advanced methods is included. ABA author.

74/01/00 74N23418

BASIC CONCEPTS IN FRACTURE MECHANICS

Eftis, J.; Jones, D.L.; Liebowitz, H.

George Washington Univ., Washington, D.C.

In AGARD Fracture Mechanics of Aircraft Structures, p.32-73 (see N74-23413 14-32)

A review of fracture mechanics is presented highlighting the strengths and limitations and establishing some perspective
of its relationship to the general fracture process. The importance of nondestructive inspection as one of several potential
safeguards against faiiure by fracture is stressed. The subjects discussed include: (1) macroscopic classification of
fracture, (2) linear elastic fracture mechanics, (3) fracture touginess in semibrittle fracture, (4) applications of fracture
mechanics concepts, and (5) fatigue crack growth characteristics. ABA author.
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NASA-TN-D-7483 E-7570  73/11/00  74N12187

FLIGHT MONITOR FOR JET ENGINE DISK CRACKS AND THE USE OF CRITICAL LENGTH CRITERION OF
FRACTURE MECHANICS

Barranger, J.P.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

A disk crack detector is discussed which is intended to operate under flight conditions. [t monitors the disk rim for
surface cracks emanating from the blade root interface. An eddy current type sensor, with a remotely located
capacitance/conductance bridge and signal analyzer, can reliably detect a simulated crack 3 mm long. The sensor was
tested on a spinning turbine disk at 540°C. Tests indicate that the system is useful at disk rim velocities of 460 m/sec by
using fracture mechanics, it is shown for INCONEL 718 that a crack operating under a rim stress of 34 x 107 N/m?

has a critical length of 18 mm. ABA author.
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This Lecture Series deals with three related subjects, namely the principles of fracture
mechanics, damage tolerance analysis, and damage tolerance design. The first starts with an
introduction to the subject and then reviews the criteria for slow crack and fast fracture;
discusses fracture toughness data for plane strain and stress; and presents ways of
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DISTRIBUTION OF UNCLASSIFIED
AGARD PUBLICATIONS

AGARD does NOT hold stocks of AGARD publications at the above address for general distribution. Initial distribution of AGARD
publications is made to AGARD Member Nations through the following National Distribution Centres. Further copies are sometimes
available from these Centres, but if not may be purchased in Microfiche or Photocopy form from the Purchase Agencies listed below.

NATIONAL DISTRIBUTION CENTRES

BELGIUM
Coordonnateur AGARD — VSL
Etat-Major de la Force Aérienne
Quartier Reine Elisabeth
Rue d’Evere, 1140 Bruxelles

CANADA
Defence Scientific Information Service
Department of National Defence
Ottawa, Ontario K1A 0Z2

DENMARK
Danish Defence Research Board
(Qsterbrogades Kaserne
Copenhagen

FRANCE
O.N.E.R.A. (Direction)
29 Avenue de la Division Leclerc
92 Chitillon sous Bagneux

GERMANY
Zentralstelle fur Luft- und Raumfahrt-
dokumentation und -information
c/o Fachinformationszentrum Energie,
Physik, Mathematik GmbH
Kernforschungszentrum
7514 Eggenstein-Leopoldshafen 2

GREECE
Hellenic Air Force General Staff
Research and Development Directorate
Holargos, Athens, Greece

ICELAND
Director of Aviation
c/o Flugrad
Reykjavik
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Aeronautica Militare
Ufficio del Delegato Nazionale al’ AGARD
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NETHERLANDS
Netherlands Delegation to AGARD
National Aerospace Laboratory, NLR
P.O. Box 126
Delft

NORWAY
Norwegian Defence Research Establishment
Main Library
P.O. Box 25
N-2007 Kjeller

PORTUGAL
Direcgo do Servigo de Material
da Forca Aerea
Rua da Escola Politecnica 42
Lisboa
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TURKEY
Department of Research and Development (ARGE)
Ministry of National Defence, Ankara .

UNITED KINGDOM
Defence Research Information Centre
Station Square House
St. Mary Cray
Orpington, Kent BRS 3RE

UNITED STATES
National Aeronautics and Space Administration (NASA)
Langley Field, Virginia 23365
Attn: Report Distribution and Storage Unit
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published by the National Technical
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