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1. INTRODUCTION

The need exists for a fast, accurate, and easy-to-use method
for performing preliminary design trade studies and aircraft rough-

~ness and damage assessment studies. The evaluation of the mission

completion capability of an aircraft that survives an exposure to a
nuclear weapon blast mainly requires an assessment of the increase in
drag resulting from the damage caused by the nuclear blast. Mission
completion studies also must determine the maximum levels of nuclear
overpressure, gust, and thermal exposure that the aircraft can sustain
and that causes drag buildup to reach a level where the assigned

mission is just achievable. This report documents a computerized
Aerodynamic Accounting Technique (AAT), which was devised to greatly
simplify and systematize the task of predicting the aerodynamics of
aircraft, including roughness and various modes of damage.

The AAT computer code is a modification of an existing Aircraft
Aeroanalysis computer program (Reference 1), which was designed to
predict baseline aerodynamic data for the undamaged aircraft. The
existing Aeroanalysis code incorporates new subroutines to read the
input for damage specifications, perform the calculations, and print
out the msults of the damage evaluation.

Input to the AAT computer code requires a definition of the basic
undamaged configuration geometry along with parameters specifying
the mode of damage and magnitude and dimension of the damaged area.
Basic aircraft geometry is represented by a seris of component
bodies and airfoil surfaces. Up to 14 different modes of surface
components, 7 for body components and 7 for airfoil surface components,
can be specified, providing the user with a great deal of flexibility
in modeling any conceivable type of damage. The AAT code has the
capability of assessing the aerodynamic effects of damage such as
rough , bent, and burnt skins (and paint) and loss of radomes, panels,
doors, and covers, Also, the AAT methods have the capability to
analyze changes in drag due to lift and trim caused by asymmetric
loss of parts of the wing or trim surface,

The methods, equations, and substantiating data for the AAT
computer code are presented in this volume., Details of the input
and output of this program along with a FORTRAN source deck
listing and sample problems are contained in Volume II, Program User
Code.
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2. GEOMETRY

The Aerodynamic Accounting Technique computer code
requires a minimum of input data since most of the geometric
parameters used in the aerodynamic methods are calculated
internally within the program. Some geometric parameters such
as wetted areas and mean geometric chords can be either
generated internally by the program or accepted as input data.
The conventions and equations used by the AAT procedure to

determine the geometric parameters used in aerodynamic calcu-
lations are described in this section.

2.1 COMPONENT GEOMETRY

Two types of components are used to represent the basic
aircraft geometry. The fuselage, canopy, stores, and nacelles
are represented by a series of bodies; the wing, tail surfaces,
pylons, and ventrals are represented by a series of single-
panel airfoil surfaces. For cranked or complex wing planforms
the wing can also be represented with two interconnected
surface panels. Provision is also incorporated into the pro-
gram for computing the geometric parameters for variable-
wing-sweep configurations.

2,1,1 Body Geometry

The minimum geometry input requirements for the body
components are length, width, height, nose length, and
boattail length; in addition, for open-nosed bodies, the
inlet and exit area must be specified, If the maximum cross-
sectional area of the component, AMAX, is not input, the value
is calculated by

A,= = IT (widLh x height) (2-1)
4

Also, if wetted area for the component is not input, a value
is then calculated. The wetted area for N close-nosed bodies
is determined by

Awet= 2.8 IN + 2.5 IBT V A e (2-2)
Amax

+ 4(j?- AN-1 T/ max i N

14



For N open-nosed bodies, wetted area is determined by

Aw + Aexit)

L (2-3)
+ 4 - IN -ma N

2.1.2 Airfoil Surface Geometry

The input required to define the planform for the
airfoil surface components are the exposed root chord, tip
chord, exposed semi-span, and the leading-edge sweep angle.

The taper ratio, exposed area, the aspect ratio of the
wing panels and horizontal surface components are calculated
by these equations:

Xs = CT/CRx (2-4)

Sex p =CRx (1 + Xs) (b/ 2 )x (2-5)

ARS 4 (b/2)x2/Sexp (2-6)

For vertical surface components the exposed area and aspect
ratio are half the values given by equations (2-5) and (2-6).
Left and right symmetry is assumed if the vertical surface
has a Y displacement off the configuration centerline., The
mean exposed geometric chord for each panel is calculated by
the equationi [

Cs 3 CRx + +' 27

1If the component wetted area is not input, it is calculated
internally in the computer code by the equation

SWET Sexp 2 + .1843(t/c) + l.5268(t/c) 2 (2-8)

.83951(t/c)

15



The wetted area is essentially twice the exposed area with a
small factor to account for thickness.

The leading edge sweep for each surface component is
entered by the user; the quarter chord, mid-chord, trailing
edge, and max thickness sweep angles are calculated using the
following equations

AC4 = arctan tan ALE - (2-9)

AC/2 = arctan tan ALE - (2-10)

ATE = arctan tan ALE - CO (2-11)

AMAX t/c = arctan [tan ALE - C)MAX'CO (2-12)
L t/c

CO =4 -X 
(2-13)

ARs 1 + Xs

For trim calculations the fuselage station location of
the horizontal tail or canard quarter-chord point on the mean
geometric chord is calculated from

XHT = 1 (b/2)x  tan ALE + 4 + XLE (2-14)

The moment arm of the trim surface at any angle of attack is
computed from

2HT = XH cos (q-a) (2-15)

where

XH = -/(ZLE- ZCG)2 + (XHT XCG)

and

arctan (ZLE ZCG)

Kil -XCj

XCG and ZCG are the longitudinal and vertical locations of
the moment reference point, and XLE and ZLE are the input
values of the longitudinal and vertical location of the
leading edge of the exposed root chord of the trim surface.

2.1.3 Wing Geometry

If the main wing is defined as one panel, total planform
area, taper ratio, and aspect ratio are computed from input

16



with the following equations (see Figure 2-1a)

CR = CT + (CRx - CT) Y + (b/2)x (2-16)

(b /2) x

X= CT/CR (2-17)

SPLAN = CR (1 + ) b/2 (2-18)

Rp= b2 /SPLAN (2-19)

The geometry for an arbitrary wing defined with two panels,
shown in Figure 2-1b, is calculated from the following
equations.

CR = CTi + (CRxi - CTi Yi + (b/2)xi (2-20)
(b/2) xi

SPLAN = (CRxo + CTo) (b/2)xo + (CR + CTi)

(Yi + (b/2) xi) (2-21)

= (b/2) CTo/(SpLAN - (b/2) CTo) (2-22)

Average values of thickness and camber are computed by the
root-mean-square equations

(t/c) JSi + (t/c)2 So (2-23)
- CSd + So

CLd Si + (C d o (2-24)

NI 2.+ 0

Certain aerodynamic calculations, such as wing wave drag and
lift-curve slope, require the use of an "equivalent" trapezoidal
wing that approximates the planform of the arbitrary wing. The
sweep angle of the equivalent wing is obtained by area-weighting
the sweep according to the equations

ALE)e arctan tan ALE i  S + tanALEO  (2-25)

Si + s o
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Figure 2-1. Wing Geometric Parameters
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) arC [osAC/4i Si + cosA C/4 S 1 2(_A_ _ _ _ __= arcos 3._ _ _ _ _ _ _(2-26)+'(AC/eSi + so

(AC/2) e = arcos [cosAC/2i Si + cosAC/20 So (2-27)e Si + SO

(ATE) e = arctan LanATEi Si + tanATEo (2-28)
Si + SO I

For a double-panel wing the planform area can be input
rather than calculated in Equation (2-21) by summing the panel
exposed areas and adding the area obtained by extending the
innermost panel to the centerline of the aircraft. In the
case of a wing whose innermost panel represents a strake with
a large leading-edge sweep angle, extending this panel to the
centerline of the aircraft would result in an extremely large
planform area. In this case the value of the theoretical
planform area of the wing, ignoring the strake, should be input.
The aspect ratio is defined as

AR = b2 /SPLAN (2-29)

Lift and drag parameters are calculated by use of the aspect
ratio defined with the wing planform area, and the final
results are then referenced to the reference area, SREF, which
is input, In most typical cases, SPLAN equals SREF.

2.2 VARIABLE-SWEEP CONFIGURATION

The planform for a variable-sweep configuration is
defined by a trapezoidal movable panel and an optional glove
panel, as shown in the sketch below.

2- 3

X,1 Yo ZO
Xi, Yi 'LEi j XPIVOT

YPIVOT

-.- C L

19
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The procedure first defines the coordinates of Points 1, 2,
3, and 4 from the input. (The input planform area is equal to
twice the area enclosed by these four points.) When the movable
panel is rotated about the pivot point, the resulting geometry is
as sketched below. The coordinates of Points 2, 3, 5, and 6 are

2

5

then determined. The planform area is calculated as twice the
area enclosed by these four points. Since the tip chord is assumed
streamwise at the forward reference sweep, the distance from Point
2 to the centerline is the semi-span, b/2. The aspect ratio is
thus defined as

AR= b2 /SPLAN (2-30)

The taper ratio is calculated as

= CT/CR (2-31)

where CT and CR are as defined in the following sketch.
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AREA A
AREA B

SCRX2j

/
/

_____ - H-_CR ____

The mean aerodynamic chord (MAC) and wetted area of the
outboard panel are calculated by use of the tip chord, CT, and
the chord, CRxo . The (MAC)calculated is expressed for the
outboard panel as

(AC)calculated - CRX2 11+ 1"2]

where X = CT/CRX2 . The wetted area (Awet)calculated is com-
puted using twice the exposed area of the panel and the thick-
ness correction to wetted area expressed by Equation 2-8.
These calculated values for MAC and Awet are compared with the
optional input values at the forward-reference-sweep and the
aft-reference-sweep conditions. If the calculated and input
values differ, as might occur for non-trapezoidal planforms,
the input values are used and the incremental differences
between the two are used for interpolation purposes in the
calculation of MAC and Awet at intermediate sweep angles.
The equations are as follows-

MAC = MACcalc" + A MAC 1 + (dMAC 2 - AMAC 1 ) -I
A2- A1  (2-33)

A~~~ Awt dwe -A i ( 2-34 )
Awet =Awetcalc. + AAwetl + (AwAe dAw el A- '
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where

A MAC MACcalc" - MACinput

AAwet Awetcalc. - Awetinput

and where the subscript I refers to the forward reference sweep
position, and the subscript 2 refers to the aft reference sweep
position.

The maximum-thickness sweep angle, A(t/c)max,used in fric-
tion drag calculations, is calculated from the quarter-chord
sweep of the panel and the input A(t/c)max at the forward and
aft reference sweep positions. The equation is

A (t/c)max = Ac/4 + AAl + (dA 2 -AAl) A-Al (2-35)
A2"A 1

where

AA .~(A/4)calc. - (A(t/c)max)input

The streamwise camber and thickness of the outboard panel
at a given sweep are calculated by

C'/C
(CL)alc =(CLd) ref (C'/C)ref (2-36)

C' /C (2-37)
(t/c)calc. = (t/c)ref (C'/C)ref

where

C/C= 0.5 cossALE + cosATE (2-38)
cos(ALE-Ac/2) cos( Ac/2-ATE)

Equation 2-38 is the relationship between the chord perpendicular
to the mid-chord sweep, C', and the streamwise chord, C. For a
variable-sweep wing, C' remains constant so that the camber and
thickness perpendicular to the mid-panel sweep also remain
constant. Finally, the outboard panel thickness is compared with
the aft reference sweep input value and, if the calculated and
input values differ, the input value is used for interpolation
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purposes in the calculation of t/c at intermediate sweep angles.
The equation is as follows:

i A- Al
(t/c) = (t/c) + (At/c) (2- 39)calc. A 2-A

where (At/c) (t/c)input - (t/c)calc. at aft sweep.

The variation of wing twist with sweep can be calculated
from

T = arctan A- (2-40)
C tip

where AZ is the vertical position of the leading edge (assuming
the wing is twisted about the trailing edge) and C is the

L streamwise chord at the tip in the swept position. The tip
displacement is calculated at the forward reference sweep posi-
tion through the equation

(dZ)tip = (CRX) tanT

The streamwise chord at the tip is calculated from

Cti p = CR - (b/2)(tanALE - tanATE)

The tip displacement is assumed to be independent of sweep.

The variation of wing incidence with sweep is calculated
from

i = ire f (1 - tanA.ALE o tanATE1 ) cosAALE (2-41)

where AXLE = ALE - ALE,' In calculating the variations of twist
and incidence with wing sweep, it is assumed that the wing pivot
is perpendicular to the wing chord plane.

2.3 AIRFOIL SECTION GEOMETRY

Several airfoil section parameters are used in the
aerodynamic predictions. These parameters are generated
internally in the program for the NACA 6-series and 4-digit
airfoil sections and for biconvex airfoil sections, The
procedure determines the leading-edge radius as a function
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of thickness ratio, t/c, as shown in Figure 2-2. The
distance of the position of maximum thickness from the leading
edge, Xt/cmax, is listed in Table I. A leading-edge sharpness
parameter, Ay, expressed as

Ay = A(t/c) (2-42)

is defined for uncambered airfoils, where A is a function of
the airfoil leading-edge geometry (shown plotted in Figure
2.2.1-8 of Reference 2). The trailing-edge angle of the upper
surface of the airfoil is computed from

0TE = B(t/c) + C(Ced) (243)

A, B, C values used in the AAT program are listed in Table I.

If the airfoil section cannot be approximated by one of

the sections contained within the AAT program, the user can
input geometry to define any arbitrary airfoil section

Two examples of the designation for a six-series airfoil
are given by:-

64-210 and
64A210

The 6 for the first digit indicates a 6-series airfoil. The
second digit (4) designates the chordwise location (in tenths)
of the minimum pressure for the basic symmetric airfoil at
zero lift., The third digit (2) designates the camber design
lift coefficient (in tenths), The last two digits (10)

designate the airfoil thickness (in percent). The letter A
appearing in some 6-digit series designations indicates that
a modified thickness and camber distribution is used.

An example of the designation for a 4-digit airfoil
is given by

0012-34

where the 12 designates the thickness (in percent chord),
the 4 designates the position of maximum thickness (in tenths),
and the 3 designates the leading-edge radius (3 designates 1/4
normal, 6 designates normal, and 9 designates 9X normal
leading-edge radius).
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Table I

TABULATED AIRFOIL SECTION PARAMETERS

Airfoil Type X(t/c)max A B C

63-series .35 22.0 34.6 14.8
64-series .375 21.7 38.4 14.8
65-series .41 19,2 46.4 14.8
66-series .44 18.35 60.2 14.8
63A .37 22.0 57.5 14.05
64A .39 21.2 59.5 14.05
65A .42 19.2 66.5 14.05

Biconvex .50 11.75 95.0 0.0
OOXX-62 .2 24.0 50.0 13.8

-63 .3 24.0 63.0 13.8
-64 .4 22.0 82.8 13.8
-65 .5 20.0 113.0 13.8
-66 .6 20.0 153.0 13.8
-33 .3 19.0 63.0 13.8
-34 .4 17.0 82.8 13.8
-35 .5 15.0 113.0 13.8
-93 .3 29.0 63.0 13.8
-94 .4 27.0 82.8 13.8

-95 .5 25.0 113.0 13.8
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3. MINIMUM DRAG

The drag of an aircraft can be represented as the sum of
minimum drag, plus drag due to lift, plus drag due to trim. The
drag bookkeeping system used in the AAT code has minimum drag com-
prised of the drag items that are assumed to be independent of

lift, such as friction, form, interference, wave, base, camber,
roughness and proturberance. Drag due to lift is comprised of the
drag items that vary with lift, such as induced drag, profile drag
increment due to lift, and flow separation drag, Transonic drag
rise, which varies with lift, is separated for bookkeeping purposes
into an increment added to minimum drag and an increment added to
drag due to lift. In transport aircraft where the fuselage has an
upswept aft end, the increment in fuselage drag between an upswept
fuselage and a symmetrical fuselage is tabulated in the program
output as a function of lift. The drag buildup does not include
incremental drag contributions due to propulsion installation such
as spillage drag, bleed, nozzle effects, etc. This is consistent
with thrust-drag accounting systems in which the propulsion-related
drag increments are included in the propulsion force buildup since
these drag increments vary with power setting If a horizontal
tail or canard is present on the configuration, the untrimmed lift
and drag is computed for a zero tail deflection condition. The
effect of horizontal tail deflection for trim is determined by
computing the lift and drag increment relative to the zero tail
setting.

The methods used to determine each of the minimum drag con-
tributions and the fuselage aft-end upsweep drag are described in
the following subsections Drag rise, drag due to lift, and trim
drag are discussed in Sections 5, 4, and 7, respectively.

3,1 FRICTION, FORM, AND INTERFERENCE DRAG

A large part of the subsonic minimum drag is comprised of
the sum of friction, form, and interference drag of all the
aircraft components. The drag of each component is computed as

A
C C we )  FF IF (3-1)

CD= f * ref

where C is the compressible flat-plate skin-friction coefficient,
A is tho component wetted area, and FF and IF are the componentfwet
form and interference factors.,
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3.1.1 Friction Drag

The compressible, turbulent, skin-friction coefficient on a
smooth flat plate is determined from the general equation given in
Reference 3,

Cf =  Cf( F2 ) (3-2)
f F1 fi NL 2

where F1 and F2 are functions of the freestream Mach number and
wall temperature. The incompressible skin-friction coefficient,
Cfi, is evaluated at the equivalent Reynolds number, RNL F2. The
Reynolds number, RNL, is computed as component length times
Reynolds number/unit length obtained from atmospheric tables or
input. White and Christoph (Reference 3) developed expressions
for the transformation functions F1 and F2 along with a more
accurate, explicit equation, based on Prandtl/Schlichting type
relations, for computing the incompressible, turbulent, flat-plate
friction coefficient (Cfi) with the following results:

i
F1 _ t-I f-i

1+nF2 - t f

0.430
Cf (lOg 0 RNL) 2 . 5 6

For an adiabatic wall condition, t and f are given by

t = T,.Taw [ 1 + r-- (3-3)

f = I + 0.044 r M2 t

Using a recovery factor r = 0'.89 and a viscosity power-law expo-
nent n = 0.67, recommended in Reference 3, results in the follow-
ing expression for Cf:

Cf t f0.430 2.56 (3-4)

(lOg 1 0 (RNL tl 67 f))

where

t - + 0.178 MC2]

f - 1 + 0.03916 M 2 . t
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The rough flat-plate skin-friction coefficient is determined
from the formulas developed by Schlichting (Reference 4)

Cf = t (1.89 + 1.62 logl0 1/k) -2'.5 (3-5)

where t is a compressibility factor (Equation 3-3) applicable to
rough plates (Reference 5), 1 is the component length, and k is
the equivalent sand grain roughness height.

The skin-friction coefficient used in the AAT computer code
will vary according to Equation 3-4 with Reynolds number until it
intersects the value of Cf determined by Equation 3-5 for a
particular value of k. For higher values of RNL, the friction
coefficient remains constant according to Equation 3-5. The AAT
code comutes Cc using both Equation 3-4 and 3-5, and uses the
larger of the two values for friction drag calculations. Calcu-
lated values of Cf versus RNL and Cf versus I/k are presented in
Figures 3-1 and 3-2.

3.1.2 Form Factors

The component form factors, FF, account for the increased
skin friction caused by the supervelocities of the flow over the
body or surface and the boundary-layer separation at the trailing
edge. The form factors for components represented as bodies are
computed as

FF = 1 + 60/FR3 + 0.0025 FR (3-6)

where

FR = Component Length

VWidth x Height

For components represented as nacelles, the form factors are given
by

FF = I + 0.35/FR (3-7)

The airfoil form factors depend upon airfoil type and
stream-wise thickness ratio. For 6-series airfoils, the form
factor is given by

FF = 1 + 1.44(t/c) + 2(t/c) (3-8)
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For 4-digit airfoils, the form factor is given by

FF = 1 + 1.68(t/c) + 3(t/c)2  (3-9)

For biconvex airfoils, the form factor is given by

FF = 1 + 1.2(t/c) + 100(t/c)4  (3-10)

And for aribtrary input airfoils, the form factor is given by

FF = 1 + KI C + 1.44(t/c) + 2(t/c)2  (3-11)

The factor KICId in Equation 3-11 is an empirical relationship
which shifts the 6-series form-factor equation to account for
the increased supervelocities caused by the section design camber
CId. The factor K, (derived from experimental data) is shown
plotted in Figure 34as a function of the Mach number relative to
the wing Mach critical.

The form factors used in the AAT computer code were obtained
from the General Dynamics Aerospace Handbook (Reference 6) and
also appeared in the DATCOM (Reference 2).

3.1.3 Interference Factors

The component interference factors, IF, account for the
mutual interference between components. For the fuselage, the
interference factor is given by

IF = RWB (3-12)

where R_-B is shown plotted in Figure 3-4 as a function of fuselage
Reynolds number and Mach number. For other bodies such as stores,
canopies, landing gear fairings, and engine nacelles, the inter-
ference factor would be an input factor based on experimental
experiences with similar configurations. The General DynamicsAerospace Handbook (Reference 6) recommends using

IF = 1.0 for nacelles and stores mounted out of
the local velocity field of the wing

IF = 1.25 for stores mounted symmetrically on
the wing tip

IF = 1.3 for nacelles and stores if mounted on
moderate proximity of the wing
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Isq
IF = 1.5 for nacelles and stores mounted flush

to the wing or fuselage.

The interference factor for the main wing is computed as

IF RLS RWB (3-13)

where RWB is the wing-body interference factor presented in
Equation 3-12, and RLS is the lifting surface interference factor
presented in Figure 3-.Other airfoil surfaces such as horizontal
or vertical tails use an interference factor determined by

IF = RLS (3-14)

The factors RWR and RS are plotted in Refernce 6 and also
appear in the D TCOM.

3.2 CAMBER DRAG

The minimum drag contribution of the wing twist and camber
is related to the lift coefficient of the polar displacement,
AC by the equation

_e 2C-KAdCL (3-15)
CDCAMBER 1-e L -

This increment is called camber drag and represents a drag incre-
ment between minimum profile drag and CDTN.. The span efficiency
value, e, is related to the induced drag actor, K, by the equa-
tion

1
e7 ' AR K

If, for some reason, e ; 1, an alternate equation, obtained from
Reference 6, is used,

2 SEXPOSED

Cc = 0, 7 ( ACL) S (3-16)

D CAMBER L SREF
3,3 BASE DRAG

Data presented in Reference 5 were used to establish equa-
tions from which the base drag of bodies could be determined..
The trends of these data show three different phases':, (1) a
gradual rise of CDBase at transonic speeds up to M = 1, (2) a
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relatively constant drag level supersonically up to about M = 1.8,
and (3) a steadily decreasing value of drag about M = 1.8. The
resulting empirical equations are given as

(0.1 + 0.12M 8 ) SBase,
SRef 1

CD Bas e = 0 .2 2 22 SBase /SRef' 1.0 < M 1 1.8 (3-17)

1.42SBase /SRef)/(3.15 + M 2), M > 1.8

3.4 WAVE DRAG

Supersonic wave drag is determined on the basis of a compo-
nent buildup for which simplified shapes are assumed. Three
basic simplified shapes are used to represent the airplane:
bodies, nacelles, and wings. The component buildup assumes that
the total wave drag is the sum of the isolated wave drag of each
component and does not allow for the mutual interference between
components. However, the component-buildup method does give wave-
drag results comparable to average configurations which have some
favorable as well as some unfavorable interference.

3.4.,1 Wing Wave Drag

The technique used to estimate wing wave drag evolved from
a method that applies transonic siniilarity theory to straight
wings. Data correlations at Mach 1 were performed on a large
number of unswept wing configurations with blunt and sharp
leading-edge airfoils. For the AAT computer code, these results
were represented by an analytical function common to both types.
The equations were then modified for M > 1 to produce a peak
value at low supersonic speeds and then to decrease a high Mach
numbers to values predicted by straight-wing linear theory for
equivalent two-dimensional configurations. Finally, sweep effects
were included. The resulting semi-empirical equations are pre-
sented below:

2KtKwKcKb

iKbIK(Fp)
m  + [ ARe ARe3

3e

KbKw3"(Fe)m + Il( l+Kw3e3 ) _
+

__"_4

3.33 KtS) + 4
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where

CD = CD/(t/c)

Kt = airfoil thickness distribution factor

i xt Ero)2 ro2I + 4[ 2 c( (1-)c

Kbp K , airfoil factors

Kb = 1.0, Kw = 1.2 for double-wedge sections

Kb = 1.069, K = 1.0 for curved-type sections

Xt = location of section maximum y ordinate

r = section leading-edge radius

K = airfoil camber factor

1 + 5(h/t)2

h section camber (maximum y ordinate)

cosALE +( 2 )2(tan 2ALE - tan 2ATE)
KP 2

1 + I2) (tanALE + tarLATE)
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FO = 0.3 + 0.7 Kp

= /1(t/c)"l 3 = /M2-/(t/c)l/3

1+ X2 (2-X) 3 
Zi' atm = 2 (lm)at > ftlim

1+ X2(2-X)3  at 8 < 'slim
2

Z = cOSALE + cOSATE

4ilim = ItanALEI

and where AR is the straight-wing AR having the same value of

CD/(t/c)5 / 3 et M = 1.0 as AR, where AR = AR(t/c) I / 3 .

The value of ARe is determined by solving the following
equation by use of an iterative method:

2I + 33  2 + 3.33

1 -3ARe + +1 L ( +2 J +)K
ARe ARe AR AR

The term represents the approximate value of f at whichC (tc) / w iI im ..
CD/(t/c) will maximize, provided the body is essentially
cylindrical where the wing is attached. If the body is area-
ruled, the estimate of the peak value if CD /(t/c) 5!3 may be less
accurate.

38



3.4.2 Body Wave Drag

The fuselage wave drag is computed by dividing the body
into two parts, consisting of a simplified pointed nose and a
simplified boattail. That is,

CD = D S + S(3-19)
WBODY PN REF PBT REF

Nose wave drag, CD , is determined from Linnell's empirical
equation P N

2 1.2 + 1.15(f/ ,fN (+)(N+l) CD = l9~J?)(-0

PN 1 + 1.9('/ f l(

fo the supersonic wave drag of parabolic noses (Reference 8).
For Mach numbers between 1.2 and 1.0, the nose wave drag is
determined from curves of Figure 3 -6 , which were derived from the
transonic drag rise of ogive noses, as presented in Figure
III.B.10-9 of Reference 6, and using Equation 3-20 as a super-
sonic limit. The nose fineness ratio, fN, is calculated from
the nose length, I N' and the maximum cross-sectional area, AMAX 'as

Boattail wave drag, CDPBT, is determined as a function of
boattail fineness ratio (fB), base diameter to maximum diameter
(dB/d), and Mach number. This is done by computing CDPBT at
five values of (dB/d) and interpolaLing Lo Lhe desired value.,
The general form of these equations is given for two conditions
of /f

dB(I)
For /fN Z 1 and dB/d = d '

CDPBT(I) _ 2 [A° (I)+A (1)'f/fB+A2(1)'(ft/fB)2+A3()'(i/fB)3 ]
fB

(3-21)

For /fN > 1

CDPBT(I) , A4(I).(fN/f) (3-22)
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The polynominal coefficients of Equations 3-21 and 3-22, deter-
mined from a least-square fit of Fig. III.B.10-9 of Reference 6
for ogive boattails, are tabulated below:

I dB/d Ao  A1  A2  A3  A4

1 0 1.165 -0.5112 -0.5372 0.3964 0.513
2 0.4 1.067 -1.709 1.6632 -0.686 0.3352
3 0.6 0.7346 -1.4618 1.5795 -0.6542 0.198
4 0.8 0.2555 -0.5008 0.5024 -0.2077 0.0494
5 1.0 0 0 0 0 0

3.4.3 Nacelle Wave Drag

The nacelle wave drag is calculated by a method similar to
that used for the fuselage:

CD (C +C )A (3-23)
WNac D ON PDpBT SREF

The equation used to calculate CDON for open-nose bodies is

CD ON  17 - rIN/R)/fN] 1.5/ (3-24)

.ON

where
r INLET =AINLET/f

This equation is a curve fit of Figure III.B.10-6 of Refer-
ence 6.

3.5 FUSELAGE AFT-END UPSWEEP DRAG

The main parameters affecting the fuselage aft-end upsweep
drag are the upsweep angle and the crossflow drag coefficient
of the rear fuselage sections in the local flow, including
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modification by wing downwash. Data in Reference 9 indicate that
the afterbody drag increases rapidly with upsweep angle f, but
decreases with increasing fuselage angle of attack. The curves
in Figure3-7, obtained from the data presented in Reference 9,
are used to predict aft-end drag as a function of angle of attack.

3u6 MISCELLANEOUS DRAG ITEMS

In the preliminary design stage of aircraft drag estima-
tion the drag due to surface irregularities such as gaps and
mismatches, fasteners, small protuberances, and leakage due to
pressurization are estimated by adding a miscellaneous drag
increment which is some percentage of the total friction, form,
and interference drags. The miscellaneous drag varies between
10 and 20 percent of the total friction, form, and interference
drags for typical aircraft. The AAT program computes miscella-
neous drag by use of a percentage factor specified as input to
the program.
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4, DRAG DUE TO LIFT

The Aerodynamic Accounting Technique computer code predicts
drag due to lift by one of several methods, depending on the
aerodynamic conditions at which a solution is desired. The
various regions are illustrated in Figure 4-1; they are discussed
in the following subsections in the numerical order shown in the
figure.

CL6
7

CL

13 4

MCRo MLl ML2

MACH NUMBER

Figure 4-1 Lift and Speed Regions for Calculation of
Drag Due to Lift

4.1 SUBSONIC POLAR PREDICTION BELOW POLAR BREAK

Region 1 is bounded by the critical Mach number and by the
CL at which the polar break occurs,(CLpB). In this subsonic,
low-lift region, the drag due to lift can be determined from

CDL = K(CL -ACL)2  (4-1)
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where the drag due to lift factor, K, is predicted by

1-R R
K +-RL R (4-2)

-CL 7rARe

In this equation, a leading-edge suction parameter R, is used to
relate K to the lower bound of drag, I/ITAR, for full leading-
edge suction (R = 1.0) and to the upper bound of drag, I/CLa, for
zero leading-edge suction, Body effects are accounted for in
Equation 4-2 by computing eo, shown plotted in Figure 4-2 as a
function of taper ratio and body-diameter-to-span ratio (d/b).

The correlation of leading-edge suction on induced drag was
first developed by Frost (Reference 10)and was later extended
for additional planform effects and higher subsonic Mach numbers
(Reference 11). A study by NASA (Reference 12 ) showed that air-
foil camber, conical camber, sharp leading edges, leading-edge
flaps, Reynolds number, and sweep have significant effects on
the suction parameter. H. John (Reference 13) improved the
correlation of R for plane wings at low Reynolds number by
including airfoil thickness along with leading-edge radius.

The procedure followed in the AAT computer code to determine
R is as follows:

1. Using the leading-edge radius and the leading-edge sweep
for each wing panel, compute D as follows:

RNLER x 10 cot ALElIM2 cos 2 ALE; ALE it20

{ (4-3)

RNL E x 10-3(5-6.511 ALE) -NM2cos2 A LE LE < 20 o

where ALE is in radians, The switch from the cotangent term is
made to prevent S from going to infinity as sweep approaches zero,

The value of D is then used to read RT from Figure 4-3, which is
a plot of leading-edge suction for thin, round-nose, uncambered
airfoils developed in Reference 11.

2. Employing the leading-edge sweep of the wing panel,
determine RMIN from Figure 4-4. The plot of Figure 4-4 was
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obtained from the results reported in Reference 12 for sharp-
leading-edge wings. The leading-edge-suction value for sharp-
leading-edge wings is independent of Reynolds and Mach numbers.

3. If the value of RT from step (1) is less than the
value of RMIN determined in step (2), set RT equal to P41IN.

4. Taking into account the wing panel thickness and
leading-edge radius Reynolds number, determine a thickness cor-
relation to leading-edge suction, A RT , from Figure 4-5.
This correction factor was developed from the data presented
in Reference 13. The increment in suction parameter A RT is
then added to the value of RT determined in step (3).

5. Calculate the effect of either section camber or conical
wing camber on the R factor from

R = RT + (0.8 24 -RT) - (CLd + CL )/0.6 (4-4)
d con

If R > 0.874, R = 0.874.

Correlation of experimental data with the results of Reference 12
indicate that, for low Reynolds number, R does not decrease as
much when the wing is cambered as when it is uncambered.

The accompanying sketch CAMBERED
shows the relative effect WING
of camber as p-edicted by R
Equation 4-4.

/ WING

RNLER

6. Obtain the effective R for the composite wing from a
span-weighted average of the individual R for each panel as
follows:

- Ri (b/2)x i + Ro (b/2)xo
(b/2)xi+ (b/2)xo

where (b/2)x i and (b/2)x ° are the widths of the inboard and outboard
panels.
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7. The effect of wing planform on R can be determined
from Figure 4-6 as a function of the parameter AR.X /cos ALE.
This increment due to planform, A R, is then added to R to
obtain the final value of R for use in Equation 4-2.

The polar displacement, A C is related to the lift coef-
ficient for minimum profile drag, L by the equationiL LOPT'

L  rir AR K)CLOPT

The lift coefficient for minimum profile drag is affected by
the camber and twist of the configuration. Figures 4-7 and
4-8 present data from Reference 14 that show the effect of
NACA camber and conical camber on CLOPT. For supercritical
wings, the limited amount of data avallable for correlation
indicate that

CLOPT = 0,51 95 (CLd)0.75 (4-5)

where CLd is the wing section design lift coefficient.

4.2 SUPERSONIC POLAR PREDICTION BELOW POLAR BREAK

The drag polar in the supersonic region beyond the second
limit Mach number below polar break (Region 2) is predicted by
Equation 4-1, where

K - R (4-6)
CL 7r AReLa 0

This equ tion is similar to Equati !i 4-2 for the subsonic induced-
drag factor except for the use of R, which is a transonic leading-
edge suction factor, For Mach numbers greater than Mach critical,
the suction factor is predicted by

R= R /(1 + nAM + (nAM) 2) (4-7)

where R = leading-edge suction factor at the critical

12(cos ~ 1.
n = 12(cos ALE

)

M = M - MCR0
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The variation of R/Ro for Mach numbers greater than MCR is
shown in Figure 4-9. This method of predicting polar shape
factor produces a continuous decrease ii, leading-edge suction
so that at the limit, as the Mach number approaches the sonic
leading-edge condition, the polar shape approaches I/CLa

The supersonic polar displacement for NACA camber is calcu-
lated from

CL d(0.25-0.225 f cot A LE);cotA LE<1.

C (4-8)

0 ;#cot A - .11
LE

and the supersonic polar displacement for conical camber is
calculated from

CL (0.III-0.I 1 cot A ); cotALE<l.ll
con LE

AC = (4-9)
L

0 ; cot A LE01. 1

These equations were obtained from a simple curve fit of the

data presented in Figures 94 through 97 of Reference 14.

4.,3 TRANSONIC POLAR PREDICTION

In the transonic region bounded by Mach critical (MCR) and
the first limit Mach number (MLl) (Region 3), the induced drag
is computed by adding drag rise to the basic polar:

CDL = K(C - ACL + CDRCL (4-10)

The basic polar shape is calculated up to 14CN in the same manner
as described for Region 1. Beyond MCRo , the basic polar does not
change. An incremental drag-rise term (CDRCL) is calculated as a
function of lift and is added to the basic polar to determine the
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total drag due to lift. A complete description of the techniques
used to calculate the drag-rise increment is given in Subsection
5.3.

In the transonic region above the first limit Mach number,
MLl (Region 4), the drag-rise term in Equation 4-10 becomes less
accurate. Therefore, the drag polar in Region 4 is calculated
by interpolation between the polar shape factors computed for
Regions 3 and 2. The equations for K and dCL are given by

M-MLI 4-1
K = KLI + (KL2 - KLI) ML2-ML1 (4-11)

MLM-MLI

ACL " dCLLl + ( dCLL2 - A CLLI)M LMLl (4-12)

ML2_MLl

where MLl < M < ML2. The polar shape factors, KLI and d CLi'
are determined from a least-square curve fit of the polar s .ape
computed at I1Ll in Equation 4-10. The polar shape factors KL2
and dCLLj are computed from Equations 4-6 and 4-8 at ML2. Thelimit Mac numbers are as follows:

ML = MCR° + 0.05

If MLl < 0.95, then MLI = 0.95

If ML > 1.00, then ML = 1.0

1IL2 = MLl + 0.15

4.,4 SUBSONIC POLAR PREDICTION ABOVE POLAR BREAK

The polar region between the polar-break lift coefficient
(CLpB ) and the initial-stall lift coefficient (CLDB) is the
region in which leading-edge separation and reattachment occurs,
causing the polar to deviate from a parabolic shape (Region 5
in Figure 4-1)., Whether or not this region exists (i.e.,, the
flow reattaches after separation and allows the wing to reach a
higher lift coefficient before final separation occurs at the
trailing edge) is determined by the type of airfoil, the Reynolds
number, and the leading-edge wing sweep., For thin wings, low
Reynolds numbers, or highly swept wings, the values of CLPB and
CTDB are equal.
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Leading-edge sharpness ia a measure of the type of separation

likely to occur. Blunt, thick airfoils generally exhibit trailing-
edge separation, while very thin airfoils exhibit leading-edge
separation. Airfoils of moderate thickness are likely to separate
and reattach at the leading edge, followed by trailing-edge sepa-
ration (stall) at higher lift coefficients. Associated with the
leading-edge separation and reattachment is a loss in leading-edge
suction, which produces an increase in drag due to lift. Above
CLDB, the flow separates completely along the wing,3nd the drag
increases more rapidly.

The prediction method in the AAT computer code utilizes the
sharpness parameter of the airfoil, Ay, as defined in Equation
2-42. If Ay is less than or equal to 1.65, leading-edge flow
separation is assumed to occur. Also, if the leading-edge sweep
is greater than or equal to 50 degrees, it is assumed that lead-
ing-edge separation occurs. If 4y is greater'than 2,05, a lead-
ing-edge separation and reattachment occurs, followed by a trail-
ing-edge separation. For values of Ay between 1.65 and 2.05, a
transition region exists in which the behavior varies between
tge condition of full leading-edge separation at Ay = 1.65 and
full leading-edge flow reattachment at Ay = 2,05.

Because the polar-break lift coefficient is a function of
many variables, it has proved to be a difficult quantity to
predict. Data correlations at subsonic and transonic speeds
developed by the Reference 1 computer code indicate
that the polar-break point can better be determined with angle
of attack as the parameter rather than lift coefficient. These
correlations resulted in a method that determines the angle of
attack at polar break as a function of Mach number, A y, sweep
angle, and wing camber, Consequently, the polar break CL, is
calculated as

CLpB CL + A pB) (4-13)
LPB LO PBO PB

where ('PBO/cOSA c/4 ) is shown plotted in Figure 4-10 as a func-
tion of A y and M cosA c4. The term ACCPB accounts for section
camber and is determined from

cPB = (12.05-4,1 N cosA c/4)id
PB c/4 Ac/

(cos A c/4
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which was derived principally from correlating the experimental
data in Reference 15. For wings with conical camber, an incr-
ment in CLPB is obtained from Figure 4-11.

The drag due to lift is expressed in Region 5 as

CDL - K(CL-ACL)2 + K'(CL-CLPB)2  (4-14)

CLPB < CL < CLDB

where K' = 0.518/ j- (Reference 1).

The upper boundary of Region 5 represents the lift coeffi-
cient at which trailing-edge separation occurs. It is predicted
as

CL = + T. OCL
SCLn c (- ) - 6CL]

where

0 ; y 1.65

T = (Ay - 1.65)/0.4; 1.65 <&y < 2.05

1.0 ; Ay > 2.05

and (OCL/ORN) and 6 CL are plotted in Figures 4-12 and 4-13,

The drag polar above CLDB (Region 6 in Figure 4-1) increases
sharply from the subsonic attached-flow condition. The polar
prediction for lift coefficients above CLDB is determined by a
modification of the empirical method presented in Reference 14
whereby

D= + K D CL 2 CDB ; CL LDB (4-15)

where CD - is the predicted lift-dependent portion of profile
drag at 2LDB , KDCL is the theoretical induced drag, and ACDB

is a correlated separation-drag increment obtained as a function
of C The lift-dependent profile drag at C is given by

LDB LDB
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Derived from Fig. 71, Ref. 14

M CosAkc/4
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Figure 4-11 Conical Camber Effect on CLPB
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Figure 4-13 Correlation Lift Coefficient for CLDB
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CD K(CL CL) 2 +K,(C L )2 KDCL 2 (4-16)
DB DB DB PB DB

where the theoretical induced-drag factor, KD, is predicted from

1
K (4-17)

where e', a modification of the classical theoretical drag-due-to-

lift factor 1/fAR, accounts for nonelliptical span loadings and
body effects. The factor e' is calculated from

el = e' [I. - (d/B)2] (4-18)

where the wing planform efficiency factor e'w is as plotted in
Figure 4-14 as a function of taper ratio, sweep, and aspect ratio.,
These data were obtained from a Weissinger lifting-line solution
in Reference 14.

The drag above CL represents the separation drag component
when major separation epects are present. Simon et al. (Reference
14 ) measured this drag relative to the profile drag at the drag-
break lift coefficient and show correlated curves of d CDB versus
CL, CLDB , and Mach number., The d CDDB data were curve fitted and
result in the equation

AC K(C -C )2 +.08 KB( CL C > C (4-19)= CL LDB CLDB L L DB

The factor KB is plotted in Figure 4-15, The program does not vary
KB with Mach number since the drag-rise term is included in the
polar buildup above CLCDB

For conventional wings the polar predicted by Equation 4-15
is continued through CL For low-aspect-ratio or cranked
wings (see Section 6) ta develop vortex lift at the highex lift
coefficients, the zero-suction drag polar predicted by

CDL = CL tan a (4-20)
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is compared against the drag polar predicted by Equation 4-15.

The drag due to lift is then set equal to whichever is lowest,
producing a drag polar as shown in the sketch below. The CL-C1
variation for vortex lift is predicted by the methods given in

Section 6.

.Ltana

. ACD Om ......

CLDB

CL

CD

4.5 SUPERSONIC POLAR PREDICTION ABOVE POLAR BREAK

Supersonic Region 7 above polar break is predicted by the

semi-empirical method developed in Reference 14. The equation

for predicting supersonic drag due to lift, above polar break,
is given by

C D L=(K-K')(CL - ACL) 2+K'(CL - ACL)2 ; CL > CL (4-21)CDL (CpB CpB

where K and A CL are the polar parameters in the low-lift region

discussed in Subsection 4.2.
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The polar-break lift coefficient, CLpB, is correlated as a
function of sweep, aspect ratio, camber, etc. in Reference 14.
A curve fit of the data in Reference 14 results in the following
equation for CCLp

LPB*

C =C +1.25(C +AC C s)(ftoA 1+.C (-2
L LS LSg Ls9- cOtALE. 1)+0.CL (4-22)
PB 1 9 9 1 d

where the factors CLS1 , CLS9 , and A CLS9 are shown plotted in

Figure 4-16 as a function of aspect ratio.

The polar shape factor, K', above CL is computed in
Reference 14 as PB

K' = H (4-23)
CLa

where

1.1 ; AR tan ALE 3 5
LE-

H (4-24)

1. 1+ 0,1(AR tan A AR tan LE > 3.5

I
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5. CRITICAL MACH NUMBER
AND DRAG RISE

The drag-divergence Mach number or Mach critical, is defined
as the Mach number at which a rapid drag rise intercepts the sub-
sonic trend in drag. The British method of predicting the critical
Mach number for two-dimensional airfoils (Reference 16) appears to
be the most accurate empirical method available. The British
method uses the Sinnott "crest criteria", where the low-speed
pressure at the airfoil crest is related to the drag-divergence
Mach number.

The AAT computer code uses a method analogous to the British
two-dimensional critical Mach number prediction procedure in order
to predict Mach critical for a finite-aspect-ratio swept wing.
The critical Mach number is defined as the value of freestream
Mach number which produces a local supersonic flow measured normal
to the sweep of the isobar at the crest. The local Mach number
normal to the crest isobar has been determined to be 1.02 for
conventional airfoils and 1.05 for supercritical airfoils at the
freestream critical Mach number. The sonic condition at the
crest can be predicted by means of a simple equation employing the
incompressible pressure at the crest of the airfoil, and compress-
ibility factors.

The value of 1.02 local Mach number, used in Sinnott's tran-
sonic airfoil theory (Reference 17), for the weak shock at crest
condition for drag rise, was established empirically. Reference

16 shows that this method should predice M to within +0,015 for
the majority of conventional two-dimensionC airfoils. However,
as shown in Reference 16, with "peaky" airfoils (as in the
supercritical airfoil) the onset of rapid drag rise may be delayed
until the shock is substantially downstream of the crest. The pre-
dicted value of M CR based on a local Mach of 1.02 at the crest may
thus be conservative by more than 0.02, and a local Mach of 1.05 is
necessary to achieve good correlation.

The following subsections discuss the methods used to pred.ct
the pressure distribution around an airfoil and to determine MCR
from the pressure at the crest along with the method used to
estimate the drag rise above C4

5.1 PRESSURE COEFFICIENT CALCULATIONS

The incompressible, inviscid pressure distribution around the
airfoil is defined first, then the pressure at the crest is deter-
mined. Weber's method (Reference 18) was used for the pressure
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distribution calculations. This method requires the airfoil surface
coordinates to be determined at the chordwise locations defined by

X(v) = -( + cos -); 0 _g V ;5 N (5-1)

N may be any integer, but, in this program, N is set equal to 32.

The Weber formula is essentially a second-order linear theory
whereby the pressures are determined from multiplication of the
matrix of thickness and camber ordinates of the airfoil by a matrix
of constants given in Reference 18.

The formula for the incompressible pressure distribution on
an infinite sheared wing was obtained from the incompressible form
of Equation 93 in Reference 18, resulting in

1 - [1 +( (2) (X) (X) 21l+ M --S

cos A

x1COcc (I + S ( I ) (X)cosA + S (X)cosA)

( )( _),] 2

+ sin c iosAA

+[Cos t S ( I ) (X)sinA + S( 4 ) (X) sinA)

+ sinec sin A ( 1 + s) (xA ) (.X)]}
2 2 (5-2)

+ sin2 A cos2 a -(2)X1 ]())21

[1 As2]

For C on the upper surface the + is used, and for the lower-
surface Cp the - is used. Also,

S N-1.Il(x) -- s1f

A=6
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N-I
S (X) = (2 S(2

S#=I(X) -Zt + NV
N-W I A t

N-i
S (4 )X -3 S V  zS

p=l

N-I
S (X) P (V zsp~sl

1=1

Tables of the S( )pv matrices of constants are given in Reference
18. Ztp and Z . are the thickness and camber distribution at
the control point # given by

iZt = (Yu + Y

and

Z 1 (Y U - Y )

where y U and yj are the upper- and lower-surface ordinates
defined at the control point # given by

x (I) = 1 (i + cos )

5.2 CRITICAL MACH NUMBER CALCULATION FROM CRESTLINE PRESSURE

The procedure followed to determine M for swept wings is
similar to the procedure outlined in Reference 16 to predict the
M for two-dimensional sections. Equation 5-2 is used to compute
MR pressure distribution around the airfoil at a sweep angle
determined from

arc cos(cos/2) Ac/2 _ 400

arc cos (Cos A c/2
)  2 1 Ac/ 2  > 40 

°

2
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where A is the wing mid-chord sweep at the semi-span of the
wing andCe factor n is determined from

AR
n .4+AR

The sweep angle A represents an effective isobar sweep at the mid-

span region of the wing as affected by the root and tip regions of
the wing. The procedure used to determine MCR based on the crest
pressures is as follows,,

1. Determine a chordwise incompressible, inviscid pressure
distribution for an angle of incidence (a). Integrate the
pressure distribution to obtain the lift coefficient (CLi).

2. Determine the chordwise position of the crest for each ot,
the crest being defined as the point at which the airfoil surface
is tangential to the undisturbed freestream direction (0 = a ).

3. Determine the incompressible pressure coefficient at the
crest (Cpcrest).

4. Use Cpcrest to calculate M CR in the relation

CPcres t = (P/Pt)(1+0.2McR2cos2 A ) 3.5 -(5-4)

0.7MCR ' 1-cR cos2A

where (P/Pt) is the ratio of local static pressure to freestream
atagnation pressure as computed in

P/Pt 11 + 0.2M1
2 1 35

where Mi is the local Mach number normal to the isobar sweep A
at the crest of the airfoil. Mi is set equal to 1.02 for conventional
airfoils and 1.05 for "peaky" or supercritical airfoils. Equation
5-4 uses a Prandtl-Glauert compressibility factor to correct the
incompressible pressure coefficient for Mach number rather than the
Karman-Tsien factor used in Reference 16, References 19 and 20
recommend using the Prandtl-Glauert factor instead of the Karman-
Tsien factor in the MCR prediction method for highly cambered air-
foils or general airfoils at high-lift coefficients. The relation-
ship determined by Equation 5-4 is plotted in Figure 5-1.

5. Use the Prandtl-Glauert compressibility factor (8D) evaluat-
ed at MCR to obtain the lift coefficient CLD from
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CLD = CLi/OD

6. Repeat Steps 1 through 5 for a set of incidences in order
to obtain a drag-rise boundary from the set of points (CLD, MCR).

The critical Mach number predicted as a result of the above
six steps, is prevented from exceeding the critical Mach number of
the fuselage alone (shown plotted in Figure 5-2). For aircraft
that are not area-ruled, where the isobars are allowed to unsweep
at the wing-fuselage juncture, the method would tend to overpredict
MCR when the value approaches the fuselage MCR. The prediction-
versus-test MCR correlation shown in Figure 5-3 is thus applied for
conventional-wing predictions.

5.3 DRAG RISE

For Mach numbers less than MCR the drag increases slowly with
increasing Mach number. This drag component is known as compressible
drag, or drag creep. Methodology for estimating this component of
drag for conventional or supercritical wings is included in the
subsonic drag buildup in Subsection 3.1. For Mach numbers greater
than MCR, drag rise begins and increases rapidly with Mach. Figure
5-4 illustrates the drag bookkeeping system followed in the AAT
computer code whereby beyond Mach 1.0 the drag rise and the inter-
ference plus form drag are replaced by wave drag. The drag rise is
separated into two components, drag rise due to lifting surfaces
and drag rise due to all other components on the aircraft. The
drag rise due to lifting surfaces is represented by

CDRL = PL (M-MCR) 2  (5-5)

where

1/3

PL = 5.4 •(t/c + 2f/c) cos A c/2
The factor PL is a function of the wing section thickness, t/c,
maximum ordinate of the camber, f/c, and the midchord sweep,
A c/2' The drag rise due to the fuselage and non-lifting components

is determined by

CDRD= a2 (M - MCRb)2 + a3 (M - MCR(5-6)MC5-b)

where a2 and a3 are solved for producing a continuous zero-lift drag
curve between the fuselage Mach critical, MCR., and Mach 1.0. The
zero-lift body drag rise is curve-fitted to b gin at MCRb with zero
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slope and end at Mach - 1.0 matching the value and slope of the
wave-drag curve.

The change in MCR with lift causes the subsonic drag polar to
increase after MCR (see Figure 5-4). For bookeeping, the drag rise
is separated into a minimum drag contribution And a contribution to
drag-due-to-lift. These increments are determined by subtracting
the lifting-surface drag rise at zero lift from Equation (5-5) and
adding that portion to Equation (5-6).

CD CD PL (M - MCRo)2 (5-7)

DR0  DRb0

CDRCL = PL (M MCR) 2 PL (M MCRo)2 (5-8)

74



I,

6. LIFT

The untrimmed lift of an aircraft can be represented by
the equation

CL = C La (0-c Lo)

For moderate to high aspect ratios and moderate sweeps, the
lift equation is linear with a so that the lift-curve slope,
C is constant. The total lift-curve slope of the aircraft is
given by

CL a w (CLO)wB + (CLO)T + (CL.)B (6-1)

which is the sum of the wing (including body carry-over effects),
horizontal tail, and the forward portion of the fuselage.

The following subsections describe the methods by which
C Laand a Lo are calculated, and also the method of calculating
the lift in the nonlinear range up to CLMAX.

6.1 WING LIFT-CURVE SLOPE

The value of (C ) is predicted by the use of several com-
plex semi-empirical equations. These equations were developed
to predict wing lift-curve slope as a continuous expression in
the subsonic, transonic, and supersonic regions. The value of
(CLa)WB is expre %ed as

(CLa)wB = (CL,)Basic' Kt Kb - (6-2)
La• W-SREF

where (CLa )Basic is the wing-alone CLa with no thickness effects.

The factors Kt and K account for the effect of airfoil-thickness
plus camber and fuselage interference, respectively. The equation
for (CL. )Basic was evolved from the Polhamus (Reference 21) equa-
tion for trapezoidal wings,

CLa =_2 (6-3)

75 2L rz2I\ 2
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for subsonic flow and the linear- theory level of

CL 4/57.3 (64"La (6-4) i

for supersonic flow at the leading edge (M > i/cosALE).

To extend the Polhamus equation for use with non-trapezoidal
wing planforms, Spencer (Reference 22) replaces cosAc/ 2 with the
effective cosine mid-chord sweep determined by Equation 2-27.

When Equation 6-3 results were compared with subsonic
experimental data, it was deduced that better agreement would
be achieved if the predicted peak CLe were to occur at M < 1.0
(for moderate and high AR) and if the rate of increase in CL.
with increasing M were larger. Consequently, Equation 6-3 was
altered to

(CL)Basi c  AR/57.3

(6-5)

where the sectional lift-curve slope ao equals 27r, and M* is
the limiting M for the application of Equation 6-5. M* is a
function 6f AR and Ac/2,and is defined by

M* M * + (1- M*) [l-(cosAc/ 2)e  (6-6)

where

MO* (10 + 0.91AR 3)/(10 + AR )

In effect, M* is the Mach number at which the rate of increase
in CL, with M begins to decrease. Note that, at M=0, Equations
6-3 and 6-5 are identical. However, it was also found desirable
(for improved correlation) to limit (cosAc/2)e to the range
0.94 cosAc/2 k 0. Thus, in applying Equation 6-5, sweep angles
of less than 20 degrees are treated as having a value of cosAc/2 =
0.94.
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For thin wings, experimental levels of CL. characteristically
reach a peak at speeds somewhat greater than M*. With low sweep

and moderate to high AR, the peak occurs below M=1, while with hfgh
sweep and/or low AR, the peak may be at or above sonic speeds. At

speeds well above sonic, CLa then decreases with increasin$ M

and, when the leading-edge becomes supersonic (M > cOALE' ), the

level approaches the two-dimensional-theory level of CL="

4/(57 .3 -Mi-MI). To emulate these trends, Equation 6-5,was modi-

fied by a factor term and an adder term, each to be applied only

at M > M*. These new terms are included in the modified equa-

tion

(CL)Basic  1/57.3 ; > M* (6-7)

where CL0o is defined as (CL-)Basic at M = M* in radians, and

2
= (M-M*) jl + (M*/M)YI

I+7rAR 23+ItAR (2 + 2/3Vi -~ )

and
AR 

2

Z = M*CL0,o +AR

Z A3 7T--- AR - (cosAc/2)e

CL~ kCL )
Wings having thick airfoils undergo a degradation in CL.

beginning at M > M*. The level of CLO versus M dips, usually

reaching a minimum at M < 1.0, and then recovers to a second
peak level at M > 1.0. To account for this phenomenon, the basic

CL , equations have been modified by a factor, Kt, as defined by

1 - 14ci(l- oi) l ; M1  M L M2

Kt = 1- 42l 2 J V;N (6-8)1421 Or .Y ; M2 g M -g M3 (6)

1.0 ; MI _ M M3

where Y, al, 02, MI, M2, M3 are as defined by the equations

below:
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9A(t/c)/(cosAc/2)e

l+kAR4( tic) (cosAt42)eI

where

A(tlc) - t/c - (t/c)xi m

1c)xim - 3/2 (6-9)
4 .4AR(cosAc/2)e

The equation for Y is applicable for

0 d (t/c) - 0.07
(CoSAc/2)e

0 S 0(tc, 10
(COs Ac/2 e

If 21(t/c)/(cOSAc/2 )e > 0.07, use 0.07

If ARA(t/c)/(cosAc/2) > 0.10, use 0.10e

M-M1
2 (M2-Ml)

M= 1-2(t/c)(cosA3/2) l+ 3 3/2] (6-10)
4+AR3

M2 =M I + t/c

Note: 0 g Ml i M*

If M1 > M*, use Mi = M*

M3 - 1.0 + t/c

The derivation of Equation 6-8 is based on the data trends and
analyses of Reference 23 and on other limited data (e.g., Refer-
ences 24 and 25). It should be noted that a CL. "bucket" is
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pcadicted only if the wing streamwise airfoil t/c exceeds the

limit thickness defined by Equation 6-9. The limit-thickness
boundary was established from the statistical boundarie3 pre-
sented in Reference 26

Another factor in the wing CL. prediction equation (Eq.6-1),
is the fuselage interference factor, defined by

= (1 + d/b)(l -d/b) f  (6-11)

where

f = 16+3AR
2

8+5AR
2

b = wing total span
d = body total width at wing junction

The factor K, accounts for the change in wing lift due to the
body segment which enshrouds the wing and to the wing-induced
lift on that body segment. Based on semi-empirical derivations

presented in Reference 27, Kb is independent of M (to the first
order). It is noted that the total lift of a wing/body config-
uration is derived by adding the body-alone lift to that lift
obtained for the wing-alone as modified by the factor Kb.

Application of Equations 6-2, 6-5, 6-7, 6-8, and 6-11,
for the prediction of (CL a)w-B will yield trends as sketched
in Figure 6-1. It is noted that this technique is strongly
dependent on the value of (t/c) in the transonic speed regime
if (t/c) exceeds the limiting value defined in Equation 6-9.

Substantiation of the CLa prediction technique, described
above in the form of comparisons with a wide range of experi-
mental data, is presented in Reference 28. The deriva-
tion of CLa for Mach numbers greater than M*, presented in
Reference 28, relied heavily on transonic-bump test data, which
characteristically produces a trend such as shown in Figure 6-1.
The new derivation ( Equation 6-7) relies on sting-mounted test
data, which produces a less abrupt transition in (dCL 0 /dM)
in the transonic region.
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For advanced technology airfoils, the onset of the lift
divergence Mach Number, M1 , is delayed to a higher value than
for conventional airfoils. For advanced technology wings, the
factors Ml, M2 and y in Equation 6-8 are modified as follows:,

(MI)Ad = (Ml)c + 0.09

(M2)Adv = (M2 )Conv + 0.045

(Y)(M 3-MI1)Adv

(V)Adv = (Y)Conv (M3-M1 )Conv

This modification delays the thickness correctionfactor to a
higher Mach number and also decreases the extent by which Kt
is reduced at M2.

Supercritical airfoils have a higher sectional lift-curve
slope compared with conventional airfoils. The program uses

ao 1. 174 t/c
7=I7 (6-12)M2

for advanced technology wings in place of a0 /27r = 1, used for
conventional wings.

6.2 TAIL LIFT-CURVE SLOPE

The lift-curve slope of the horizontal tail can be estimated
from the equation

(CL( ST (6-13)

T L T KW B) KB () c.. REF

where (CL,')T is the exposed-area lift-curve estimate for the
tail, KW(B) and KB4W) are the Pitts, Nelson, and Kaattari body-
lift carry-over factors (Reference 29),OE/Oa is the downwash
gradient; qt/q, is the dynamic pressure ratio, and ST is the
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exposed tail area. The exposed-area lift-curve for the tail is
estimated by use of the exposed planform of the tail and the
method described in Section 6.1.

6.2.1 Downwash at the Tail

An empirical method of estimating the low-speed downwash
gradient behind straight-tapered wings is given in the DATCOM by

1.19|

(af) = 4.4 KAKxKH(cosAc/4)ki 11 (6-14)

The factors KA, KA, and KH are wing aspect ratio, wing taper
ratio, and horizontal-tail-location factors, respectively. They are
determined from

KA - 1/AR - l/(l+AR 1 )

10-3X

7

and

(1-ht/b)
H- 1/3

(2tt'/b)

where AR and A are the wing aspect and taper ratios, respectively,
ht is the height of the tail relative to the wing chord plane and
ft' is the distance between the exposed MAC of the wing and the
exposed MAC of the tail. At higher speeds the effect of compres-
sibility on downwash is approximated by

o(CL,) 
(6-15)

where (CL.)o and (CL,)M are the wing lift-curve slopes at low
speed (M=O.1) and at the apprcpriate Mach number, respectively.
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6.2.2 Dynamic Pressure at the Tail

The method for estimating the dynamic-pressure qt/q. at
the tail is based on the DATCOM method which relates the
dynamic-pressure ratio to the drag coefficient of the wing.
The steps involved in determining the dynamic pressure at some
distance aft of the wing root chord, outlined in Section 4.4.1
of the DATCOM report, are as follows

1. Compute the half-width of the wing wake by

= 0.68 CDo + 0.15) (6-16)
c

where x is the longitudinal distance measured
from the wing-root-chord trailing edge, Zw is
the half-width of the wake at any position x,
and CDo is the wing zero-lift drag coefficient.

2. Calculate the downwash in the plane of symmetry
at the vortex sheet by

1.62 2) (6-17)

3. Compute the vertical distance Z from the
vortex sheet to the quarter-chord point of
the MAC of the horizontal tail by

Z = x tan ( Y + E - 2) (6-18)

where Y = tan-' (ht/lt).

4, Determine the dynamic-pressure-loss ratio at
the wake center by

4q_) 2.4 2(CDo )1/2 (6-19)

5. Determine the dynamic-pressure-loss ratio for
points not on the wake centerline by
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4a4C\ os21Z (6-20)
q.0 q o 2ZW

6. Determine the dynamic pressure ratio at an
arbitrary distance x aft of the wing-root-
chord trailing edge by

qt Aq (6-21)
q 1 q

6.3 CANARD LIFT-CURVE SLOPE

If the horizontal trim surface is located ahead of the wing
the AAT computer code will treat the surface as a canard. The
lift-curve slope of the canard is estimated from the equation

(CL.)c = (CL )c [ KW(B) + KB(W) SC (6-22)
S ref

where all the terms are obtained in a similar manner as the
corresponding terms in Equation (6-13). Note that the canard
lift equation has no downwash or dynamic pressure loss terms.
The upwash acting on the canard due to the wing is generally
slight and can be ignored, while the canard produces a significant
downwash field acting on the wing. The net effect of the canard-
wing interaction, in the AAT code, is accounted for by reducing
the wing lift by a factor proportional to the canard lift term.
Thus, the equation for wing plus canard lift becomes

(CLm)W-B-C = [(CL.)W-B - 17L (CL)c ] + (CL.)c (6-23)

The factor 17 L is a canard interference term acting on the wing and
is obtained from Figures 6-2 and 6-3 which are a function of hc
the height of the canard relative to the wing chord plane, Sc/Sw
the ratio of canard exposed area to wing planform area, and Mach
number. The canard lift interference factor, 7 L, was derived from
a systematic th-oretical-experimental canard size and location study
reported in Reference 30.
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6.4 BODY LIFT-CURVE SLOPE

As shown in Reference 31, the linearized lift-curve slope
for a body can be expressed as

X 1/3 F (6-2)(L) kl LN- (6-24
(CLa)B  SRef

where XLE is the body length ahead of the wing, LN is the fore-
body length, F is the body cross-sectional area, and kI is a linear-
potential lift-curve-slope parameter. The factor kl (a function
of body width b, body height, h, and the perimeter of an elliptical
body with equal area, p) is determined from the curve given in
Figure 6- 4, which is taken from Reference 31

.10

.08

.06

kl

.04

.02

0 2 4 6 8 10 12 14b P

Figure 6-4 Factor Used in Determination of Body Lift-
Curve Slope
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6.5 ANGLE OF ATTACK AT ZERO LIFT

The angle of attack at zero lift, a[Lo, is determined from

Of Lo = (CLO + (C[Lo) WIT+ (01LO)I~IE ( 6 -25a)

The effect of camber, CLd onax~ is calculated from

(*o 8 -o Cd (6-25b)
CAMB~c ER = ji

fhre Oaoa~ is shown plotted in Figure 6-5, which is obtained

frmThe increment inc*Lo due to wing twist,Tr, is calculated

TWO)IST.=- 8 (6-25c)

0

-2

O8 ILO .10

.4 .5 .6 . .6- . 9 .
-4M cosAc/4

; _J~c/4

Figure 6-5 Camber Factor for Zero-Lift

Angle of Attack
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where
OdLo = 0.093-0.000571Ap + 0.5761X-0.2645X 2

ar

and A#= tan "1  tan AC/4 (deg.)

The equation for (oaLo/O r) was obtained from a curve fit of the
parametric data reported by Gilman and Burdges (Reference 32) for
wings with linear-element twist.

The angle of attack in the program is measured relative
to the wing root-chord reference plane. For variable-sweep
configurations the angle of attack for any sweep position is
measured from the wing chord plane in the forward sweep posi-
tion, The increment in GLo due to wing and horizontal tail
incidence is calcualted from

(CL=) (iw) + (CL) (iw-it)

(IL°)INCIDENCE CLa

+ (iw-iWREF) (6-26)

where

(CL.)BODY = (CLO)NOSE + KW( W)] (CLw)W-B
L

When M > 1, the contribution of camber and twist to dtLo
is set equal to zero and only the incidence effect is continued
supersonically.

6.6 NONLINEAR LIFT OF HIGH-ASPECT-RATIO WINGS

The lift characteristics CL
of a high-aspect-ratio wing CLMAX
is illustrated in the sketch.
A high aspect ratio is defined
as AR > ARLOW, where ARLOW is CLS -- XMAX
defined in Section 6.9 (Equa-
tion 6-37). The lift varies
linearly with angle of attack
up to CLS, after which the lift
variation becomes non-linear,

CMAX
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IMO
The angle of atcack for a specified lift coefficient is

calculated from

CLe

where

0; CL CLSor M> 1.0

CLX-CLS 2 Acemax; CLS < CL 9 Cimax (6-28)(CL-axCL )2C

(CL-CL ) 2 max + 50; CL > C~m

and CLS CL ( ot- cYLO - 2 AC'ax)

The prediction of CLmax and Acimax for high-aspect-ratio wings
is discussed in Section 6.8.

6. 7 NONLINEAR LIFT OF LOI -ASPECT -1ATIO V1I1GS I
The subsonic charac-

teristic of a low-aspect- CLj
ratio wing is illustrated L.E.
in the sketch. The total C VORTEX
lift is equal to the po- CLV
tential lift plus the vor- TIP
tex-induced lift from the CL VRE
leading edge and tip of TV POTENTIAL
the wing. The equation

MAX
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for lift can be expressed as

CL - CLp + CLV + CLTV  (6-29)

The method of predicting each of these terms is discussed in
the following subsections.

6.7.1 Potential-Flow Lift

The potential-flow lift is determined from

CLp . K sinmios 2 c + CLo (6-30)

where Kp is the lift-curve slope given by small-disturbance
potential-flow lifting-surface theory, and the trigonometric
terms account for the leading-edge separation effects (Refer-
ence 33). The value of Kp is the lift-curbe slope (CL.), con-
verted to radians, obtained from Equation 6-1. The factor CLo
is the lift at zero angle of attack predicted by

CL 0 CLILo

6.7.2 Leading-Edge Vortex Lift

The leading-edge vortex lift is determined from

CLv = (l-R) - FVB • KV sin2a cosa (6-31)

In tais equation, developed in Reference 34, the sharp-leading-
edge suction analogy of Polhamus is modified to account for
round-leading-edge and vortex-breakdown effects.

In Figure 6-6 (taken from Reference 35 ) the theoretical
variation of the vortex lift factor KV with aspect ratio and
cutout factor is shown. The factor FVB (shown in Figure 6-7
is a vortex-breakdown factor, which was obtained from the
ratio of experimental data to theoretical for sharp-leading-edge
delta wings. The factor R in Equation 6-31 is a leading-edge
suction parameter (Reference 36). For a sharp leading edge,
the suction parameter is near zero; for a rounded leading edge,
the suction parameter is near unity at low alphas. The vari-
ation of R versus a is shown in Figure 6-8 as a function of
thickness ratio.
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6.7.3 Tip-Vortex Lift

For wings having a tip chord greater than zero, a tip vortex
forms that induces an additional lift contribution on the wing.
At low angles of attack the flow around the wing leading edge and
tip is attached, and a vortex sheet is formed at the trailing edge
(Figure 6-9a). At slightly higher angles of attack (Figure 6-9b),
the flow possibly will make the turn around the leading edge of
the wing without separating, but the flow around the tip separates.
In this stage, the flow forms a vortex sheet consisting of a hori-
zontal part originating from the trailing edge and two vertical
sheets attached to it originating from the two sides of the wing.
Kuchemann (Reference 37 ) noted that a spanwise cross-section
through the vortex sheet has the same shape as that obtained
behind a wing with end plates. The height of the "end-plate
vortex" or tip vortex is approximated by

h/b CT (6-32)
2 E AR

where CT is the tip chord. With the height of the tip vortex
known, the incremental tip-vortex lift can be expressed as

Z+ IV _+2

hCLTV xZ+ l+(xZ)2  Kp sin (6-33)

where

Z - 2 cosA,/2 /AR

x = 1.0014-1.969(h/b)+3.0021(h/b) 22.0072(h/b)3  (6-34)

Equation 6-33 was derived (Reference 37) by modifying the Helmbold
lift equation, where the effect of the end-plates are expressed
as a factor 1/x to the aspect ratio. Equation 6-34 is a curve
fit of the end-plate effect shown in Figure III.A.4-1 of Refer-
ence 6.

It can be seen from Equation 6-32 that the end-plate effect
becomes smaller with increasing aspect ratio. This explains why
the end-plate effect of the tip vortex has rarely been noticed
for wings of moderate and large aspect ratios, although it always
existed. The tip-vortex method in Reference 37 gives good agree-
ment with experimental data for unswept rectangular wings ranging
in aspect ratio from 0.5 to 2.0. It is stated in Reference 37
that the end-plate analogy can be used for straight or swept wings.
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II
The nonlinear lift calculated by Equation 6-29 is limited

by the maximum lift coefficient, Clnax, of the wing. The value
of CLmax and the angle at which maximum lift occurs, amax, are
predicted by the low-aspect-ratio method given in Section 6.9.
The leading-edge vortex is then limited by the condition

CLv ' CLMAX - (CLP)MAX- (CLTv)MAX  (6-35)

where (CLp)MAX and (CLTV)MAX are the values calculated for the
potential lift and the tip-vortex lift at the maximum-lift angle
of attack. If (CLP)MA x > (CL)MAX, it is assumed that the
leading-edge and tip vortices are too weak to add much lift to
the wing, and the high-aspect-ratio method discussed in Section
6.6 is then used to predict the lift up to stall.

Results of applying the nonlinear lift prediction procedure
are shown in Figures 6-1C through 6-13. The data were taken from
Reference 38 which reports on a test of a series of clipped delta
wings. The program results are shown as the solid lines for the
complete lift and as dashed lines for the initial value of the
lift-curve slope, CLa . In general, the test results and program
results compare well and indicate a substantial amount of the
lift is due to the vortices.

6.8 NONLINEAR LIFT OF CRANKED WINGS

The method available in the ATT procedure for predicting the
subsonic lift variation of cranked wings is based on the technique
presented in Referencell. This method assumes that as the outboard
panel of a cranked wing experiences stall, the inboard panel still
continues to lift. This behavior is believed to be caused by the
influence of the leading-edge vortex of the inboard panel. Conse-
quently, the flow field is similar to that of a low-aspect-ratio
delta wing with leading-edge separation.

This method employs the results of a data correlation that
provides a technique for determining the nonlinear lift of
double-delta wings. It is hypothesized that the nonlinear lift
-of a cranked wing should be similar to that of a double-delta
wing. The nonlinear-lift curve construction technique for cranked
wings is shown in Figure 6-12.
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CL

C ....... Nonlinear Lift Based on

Delta Wing Correlation

.ACL

a Stall

Figure 6-14 Construction of Nonlinear Lift Curve for

Cranked Wings

Excvpt for some slight refairing of the data correlation
curves to account for aspect ratios of less than 1.0, the method
employed in the program is essentially the same as that presented
in Refcrence I, The nonlinear angle of attack for a given CL is
calculrhted from

l I CL Aj i/n
. m (6-36)

where

CL. is the linear lift-curve slope (including

outboard panel).

Ai is the aspect ratio of the inboard panel,

as determined in Figure 6-15.
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nB is the nondimensional spanwise ordinate
for the break point in the cranked wing.

a,n are correlation constants (shown in
Figure 6-16) derived by modifying the
Reference 11 method.

In the program it is assumed that astall is the angle of
attack corresponding to CLDB, as shown in Figure 4-1 of Section 4.
The accuracy of the nonlinear angle-of-attack prediction tech-
nique is, of course, strongly dependent on knowing astall.

6.9 MAXIMUM-LIFT COEFFICIENT

The method used in the AAT program to estimate the
maximum lift and angle of attack for maximum lift is based
on the DATCOM method for both the low- and high-aspect-ratio
wings (Reference 2). The maximum lift of high-aspect-ratio
wings at subsonic speeds is directly related to the maximum
lift of the wing airfoil sections. The wing planform shape is
a secondary influence on the maximum lift obtainable. However,
for low-aspect-ratio wings, the wing planform is the primary
effect on maximum lift, while sectional characteristics are
secondary. The program uses the criteria established in the
DATCOM method by the equation

ARLOW - 3(6-37)
(CI+l) cosALE

where Cl is a function of taper ratio, as given in Figure 6-22.
If AR > ARLOW, the high-aspect-ratio method is used, and
if AR * ARLOW, the low-aspect-ratio method is used. These two
methods are described in the following subsections.

6.9.1 High-Aspect-Ratio Method

The DATCOM method is an empirically derived method based
on experimental correlations of high-aspect-ratio, untwisted,
and constant-section wings. The equations for maximum lift
and the angle of maximum lift are as follows:

\CXMAC CMAX + ACLMAX  (6-38)
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- (CLMA ) +GT+GcA . (6-39)
MAX CLa

The first term in Equation 6-38 is the maximum lift coefficient
at M-0.2; the second term is the lift increment to be added for
Mach numbers greater than 0.2.

The factor (CL A/CM) is computed by a curve fit of the
curves in Figure 4. l.-.4-iain the DATCOM given by

where A - B A y' (6-40)C MAX
whereo; Ay < 1.4

A y' - y-l.4; 1.4 i Ay -9 2.5

1.1;Ay > 2.5

and the terms A and B are plotted in Figure 6-17 as a function
of sweep. (Ay is defined by Equation 2-42.)

The increment to CLMA due to Mach number is computed from
a curve fit of the curves of Figure 4.1.3.4-15 in the DATCOM,
given by

CLMAx = C + (D-C)(ALE) (6-41)'60

where the terms C and D are plotted in Figure 6-18 as a function
of Ay and Mach number.

The section maximum lift coefficient at M-0.2, CMAX, is
computed from

CIMAX - (CMAX) Base C X (6-42)

where (CiMAX)Base and ACIMAX are shown plotted in Figures
6-19 and 6-20 as a function of the sharpness factor, maximum-thick-
ness location, and camber.
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The angle:-of-attack increment for maximum lift, CI ,
is obtained from Figure 6-21, which is taken from Sectio-n.l.3.4
in the DATCOMo

6.9.2 Low-Aspect-Ratio Method

The empirical equations in DATCOM for estimating subsonic
maximum lift and angle of attack for untwisted low-aspect-ratio
wings are

CLM - (CLMAX)Base + ACLMAx (6-43)

aMAX ((MAX)Base + ActMAX (6-44)

The base value of CLMAx is obtained from Figure 6-22 if the
position of maximum airfoil thickness, XT, is forward of the
35-percent chord point, and from Figure 6-23 if XT is aft of
the 35-percent chord. The values of ACLMAX, CI, and C2 are
obtained from Figure 6-24 , the base CMAX from Figure 6-25 , and
the value of tMAX from Figure 6-26. (Figures 6-20 through 6.26
are taken from Section 4.1.3.4 of the DATCOM.)

6.9.3 Tail-Lift Contribution to CLMAX

Because the horizontal tail usually has a smaller aspect
ratio compared to the wing and is in a downwash field that
counteracts the effect of angle of attack to some extent, it
is assumed that the tail does not stall before the wing. The
lift generated by the tail at the angle of attack of wing stall
is added to the wing maximum lift coefficient to obtain the
configuration maximum lift coefficient. The configuration
maximum lift is given by

CLMAX - (CLMAX) + (ACLMAX) (6-45)

Wing Ti

where
(AC~ -(C) .57.3 sin C'max(cosc of 2

(ACLMAX)Tail - (CLa)T . max)

The term (CLa)T is the lift-curve slope of the horizontal tail
as determined In Section 6.2.
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7. MOMENT

The moment of a wing-body-tail configuration can be rep-
resented by the equation

Cm  Cm + (n- Xac) CRe Lw C (7-1)
CRe C

where n is the chordwise distance to the moment reference point
measured in exposed wing root chord (CRe), aC/CRe is the aero-
dynamic center location relative to CRe, and the last term repre-
sents the moment contribution of the tail lift times the moment
arm 1HT, determined from Equation (2-15).

The following subsections discuss the method used to predict
the elements in Equation 7-1 along with a method of determining
trimmed lift curves and polars.

7.1 ZERO-LIFT MOMENT

The method of predicting the zero-lift pitching moment for
a wing-body configuration considers only the effect of the wing on
Cmo and does not include the effect of an asymmetrical fuselage or
the effects of stores and nacelles located near the wing. How-
ever, the Cmo prediction method in the AAT computer code can be
adjusted by input so as to match the test data Cmo on a similarconfiguration.

The subsonic zero-lift pitching moment for wings with linear
twist, up to the critical Mach number, is given in the DATCOM as

Cm (Cmo).=0 +_ 59 -(2mcs 5 (7-2)

where (Cmo).r0 is the Cmo of an untwisted wing, and (ACmo/T)is
the change in wing zero-lift pitching moment due to a unit change
in wing twist, 7T . The parameter (A Cmo/ r) was obtained from
lifting-line theory and is shown in Figure 7-1.
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The Cmo of an untwisted wing is obtained from

ARcos 2 A c/4 C
(Cmo) r0 W AR+2cos A c/4 (Cm°)SECT (7-3)

where (Cmo)SECT is the average section pitching moment coeffi-
cient determined by averaging the section Cmo for each wing
panel, using

N

I (C) (Cd)i Si
(Cm°) SECT = Umi N

i

where (Cm/C1 d) is the theoretical pitching moment divided by
the section design lift of the airfoil camber line obtained from
Table 4.1.1-D in the DATCOM.

7.2 AERODYNAMIC CENTER

The aerodynamic center location of a wing-body configura-
tion is given in the DATCOM as

(X c\ ,) ('Xac\~ (CLa)W(B)+ a) (CTr a) B (W)
CR/ (~)+ \ cB()

CRe (CLa)N+(CLa)w(B)+(CLa)B(W)

where the Xac/CRe terms are the chordwise distances measured
in exposed wing-root chords from the apex of the exposed wing
to the aerodynamic center, positive aft. The subscripts N, W(B),
and B(W) refer to the lift and aerodynamic center contribution
of the forebody, exposed wing, and the wing-lift carryover on the
body, respectively.

7.2.1 Aerodynamic Center of Forebody

The subsonic location of the aerodynamic center for fore-
bodies with ogive nose cones is approximated in the DATCOM as
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(Xac (-0.54) LN+l.6 (X- LN)rCR! ) CRe

Figure 7-2 defines the geometric parameters, LN, XLE, and CR .
The supersonic forebody aerodynamic center is obtained from

( CR = CRE (XCP (7-6)
Ce N Ce'I

where the term Xkp/ I is obtained from Figure 7-3 (Figure
4.2.2.1-23a in DATCOM.

7.2.2 Aerodynamic Center of Wing (Trapezoidal, Single Panel)

The aerodynamic center of the exposed wing is determined
from the DATCOM charts presented in Figures 7-4a through 7-4f.
These charts are valid for subsonic Mach numbers less than Mach
critical and supersonic Mach numbers greater than 1.2. For
transonic conditions, the data presented in the DATCOM in terms
of transonic similarity parameters (Figures 7-5a through 7-5d)
are used to determine the aerodynamic center position.

The procedure for obtaining aerodynamic center can be sum-
marized as:

ForM (k:)' 
(7-7)

For MCR+.OSR
Cme \C%

For M CR + . 05 - M > McR,

xCo xc'+[(x.' x 0 (7-8)( CRe! .05
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For 1/ c)2/3 > M > MCR + .05,

xac Xac It
Re c (7-9)ORe  R

For 1.2 > M Z Vl+-(t/c)2/3,

Xac c it + [(Xac. -(c-+(t/c)2/3

Cp \e/ [C/ \C/J\~(/)/ (7-10)

For M _ 1.2,

Xac - ac7-1
CRe  CR / (7-11)

where (Xac/CRe)' is read from Figure 7-4 and (Xac/CRe)"'is read
from Figure 7-5.

7.2.3 Aerodynamic Center of Wing (Cranked or Double Delta)

The prediction of the a.c. location of cranked or double-
delta wings is taken from the method developed at General
Dynamics as reported in Reference 11. The non-straigl.t-tapered
wing is divided into two panels, with each panel having con-
ventional, straight-tapered geometry. The individual lift-curve
slope and a.c. are estimated for each panel, using the technique
described above for the trapezoidal wing and treating each con-
structed panel as an isolated wing. The individual lift and a.c.
location for each constructed panel are then combined, using an
inboard-outboard weighted-area relationship

(ac C) (CL a )iSi+ o(CL--e =~ (C o (7-12)

CRe (L)S + (CL )OS(
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I

where the outboard wing a.c. is referenced to the inboard root
chord length given by

XC = (Xac CR° - Y (tan ALE) + (b/2)i )( CRo/ 0  eRe C( 0 pLo i

The geometry for the inboard-outboard panel arrangement is illus-
trated in Figure 7-6.

7.2.4 Aerodynamic Center of Wing-Lift Carryover on Body

The location of the a.c. due to the wing-lift carryover on
the body is determined by use of the DATCOM method. For 8ARe 2 4
the subsonic a.c. location is obtained from

(Xac = + f(d/b) (7-13)
2C

B(W) a

where ARe is the exposed-wing aspect ratio and the factor f(d/b)
is shown plotted in Figure 7-7. For j6ARe < 4 the a.c. location
is determined from

(Xa c (Xac) a c\](ARe-4 2 + (Xa c (7-14)
CRe/B) kCRe/ "CReJ 4/ ICRe/

B(W)

where (Xac/CRe)' is the a.c. location determined from Equation 7-13

and (Xac/CRe)" is the theoretical location for PARe=O determined

from the equation

( -c ARe(I+Xe) tanALE (7-15)

where Xe is the exposed-wing taper ratio. Equation 7-15 is
limited to values less than or equal to 0.5. For supersonic con-
ditions the a.c. location is estimated from Figure 7-8. For tran-
sonic conditions the a.c. location is determined by linear interpo-
lation of the a.c. values determined at the critical Mach number
and Mach 1.1.
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For complex wing planforms the equivalent wing-sweep values
are used in the subsonic and supersonic a.c. location methods.

7.3 EFFECT OF TRIM DEFLECTION

The effect of trim deflection can be estimated by predicting
the incremental change in lift, drag, and moment due to tail
deflection along constant angles of attack. The total wing-body-
tail lift, drag, and moment can be represented by

CL - CLWB + CLat(a-aot) + CL• 6 HT (7-16)

CD - CD N + (CDL) + (CDL) (7-17)

TOTAL

C dCm+ W_- ICL. t(Ot -(-ot) + CL# " 
6 HTI IHT/C (7-18)Cm-Co+ dCL B

where the induced drag of the tail is predicted by use of a tail-
induced drag factor Kt times the square of the lift generated
by the tail, i.e.

(CDL) Kt [CLat('ceot) + CL 6HT] 2  (7-19)

From Equations 7-16 and 7-17, the incremental change in lift and

drag at constant c due to a trim deflection can be determined by

ACL = CL, 6 HT (7-20)
AC =H .L HT (7-20)t)

ACD = Kt [CL at(-'ot)+CL 6 HT] 2 Kt [GL t cc- Got)] 2  (7-21)

Equation 7-21 can be reduced to

ACD =a 6 HT2 + b6 HT(a ci ot) (7-22)
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where a - KtCL62

b - 2KtCLat CL6

The factor CL6 for an all-movable horizontal tail is predicted
from

CL- (CLO)t KW(B) - qt/q. (7-23)

where (CL')t is the exposed-area lift-curve estimate for the tail, and
KW(B) is the surface lift in the presence of the body factor. The
induced drag factor for the tail is determined by the leading-edge
suction method described in Section 4, where

I-Rt Rt SREFKt= (7-24)
Kt 5 7 . 3 Kw(B)(CL)t + AHT ( SEX)HT

The AAT computer code can predict the lift, moment, and
drag for a fixed tail setting, or the program can solve for 6T
to trim out the moment. The tail deflection required for trimis
obtained by setting Equation 7-18 equal to zero and solving for
6HT1
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7.4 ELEVON TRIM METHOD

Aircraft that are designed without a horizontal tail or canard
can be trimmed by use of a trailing-edge flap (elevon) on the wing.
The use of trailing-edge control device on the wing for longitudi-
nal trim alters the basic wing load distribution, t6us affecting
lift and drag as well as the moment. The method used in the AAT
procedure for preeicting lift, drag, and moment required for trim-
ming a tailless (or canardless) aircraft using elevons, was
adapted from the method used in References 1 and 2 for predicting the
effects of trailing-edge flaps deflections of high-lift systems at
low speeds. The AAT elevon trim metbod assuires that the elevon
is a plain flap, operating in the lineai attached flow range,
with no significant gap losses. The method of Reference 1 was
extended to include compressibility effects.

7.4.1 Effect of Elevon Trim Deflection

The effect of trim deflection is computed by predicting the
incremental chpngc in lift, drag, and moment due to trailing-edge
deflection, along constant angles of attack. The total wing-body
lift, drag, and moment can be represented by

CL = CLwB + CL6 e (7-25)

CD MCDmin +CDL WB + KD 6e2  (7-26)

CM =[CM 0+ dCM *C Li + (CG- X p CL 6e (7- 27)
L L WB ( CW/

The elevon deflection required for trim (CM=O) is then determined
which is used to compute the incremental change in lift and drag
at constant 04due to the trim elevon deflection.

dCL= CL 6e (7-28)

ACD = KD 6e2  (7- 29)

The determination of the factors CL4 , KD, and cp in equations
7-25, 7-26, and 7-27 are discussed in the E following
subsections.

7.4.2 Flap Lift Effectiveness

The subsonic lift increment developed by deflection of a
trailing-edge flap control surface is given in Reference 1 by
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CL6  1pclaCL Kc Kb (,- 30)

%j" 2[Of + sin Of Of-arc cos l-2(ef/C)

77p - 0.77 for 6e + OTE < 12.50

CL __ _ _ __ _ _ _ __ _ _ _ __ _ _ _

cl 2 + F4 + (1 - M2 coqsA / c 2)2

KC and Kb are shown plotted in Figures 7-9 and 7-10.

7.4.3 Control Surface Drag

The deflection of an dlevon causes two increments of drag.
First, the profile drag of the wing-flap combination is changed.
Second, the deflection of the elevon changes the span load dis-
tribution and may, therefore, change the induced drag of the

wing. The subsonic increment in profile drag can be estimated
by the method in Reference I with a simple Praniddtl-Glauert
compressibility correction

CD d (/ ) ACdf cos A HL Kd
Profile

M!MCR 
(7- 31)

The term ACdf is the sectional drag increment due to flap

deflection, shown plotted in Figure 7- lfor plain flaps. For
moderate deflection, Cdf can be approximated by

,Cf2,322 2

ACdf = 0.00168 (") e

The factor Kd, shown plotted in Figure 7-12, is a partial span
correction.

The change in induced drag due to flap deflection, at
zero angle of attack, is given by (Reference 1)

CDI= Ka Kf(L.e
)

CD a f 6 e) (7- 32)

where Ka and Kf, shown plotted in Figure 7-13 are factors which
account for the non-elliptical span loading of partial span flaps.
It was assumed that the change in induced drag at all angles of
attack for a constant 6 e deflection will parallel the basic
wing polar. 131
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Equations 7-31 and 7-32 both vary with the square of the
elevon deflection so they may be combined to yield the KD factor
of Equation 7-29 .

7.4.4 Elevon Moment

Deflection of a plain flap alters the load distribution
of the wing as shown in Figure 7-14. The incremental load due
to the flap exhibits a peak over the airfoil leading edge and a
peak over the hingeline. The higher loading at the hinge pre-
dominates, giving a nose-down moment (aft shift in section center
of pressure). For attached flow, the center-of-pressure location
due to the additional lift does not shift position with flap de-

- flection.

S ---PLAIN AIRFOIL

-1.0 FLAPPED AIRFOIL-,.0.

0

1.0

Figure 7-14 Flap Load Distribution

The change in pitching-moment increment due to flap deflection
based on total wing area and chord and taken about the wing quarter-
chord MAC given byDATCOM Equation 6.1.5.1.

CM KM + Ksw(__ tan Ac/4 16CL (7- 33)

KM is a flap span factor as a function of taper ratio and
flap location obtained from Figure 7-15.
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T!

(ACM /ACL) is the ratio of the pitching-moment increment
to lift for a full span flap obtained from Figure 7-16. KSW is
a conversion factor for a partial span flap on a swept-back wing
obtained from Figure 7-17. ACL' is the lift increment due to
flap deflection for a full-span flap, on an aspect ratio six, zero
midchord sweepwing. Using Equation 7-30 the incompressible lift
increment, ACL = CL 6 , can be solved to obtain

1CL= 0.7208 17pC16 KC * 6 e (7-34)

or in terms of the partial span, arbitrary aspect ratio, sweep
wing case

'=0.7208 .• ( - 5
AC ~=P K CL .6 (7-35)

CL ) Kb

The change in moment due to elevon deflection about the wing
quarter-chord MAC is to be expressed in terms of X /c as

ecpACM = (.25 - X C_) • (7- 36)

Equations 7-36 and 7-33 combined with 7-35 can be used to
determine the subsonic flap center of pressure

XCP CM KM + KSW( (A ).5 tan A c/4

.25 1.5

0.7208 1 (7- 37)
(Cta Kh
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8. DAMAGE EVALUATION METHODS

The Aerodynamic Accounting Technique computer code includes
methods for evaluating the aerodynamic effects of aircraft damage.
Surface roughness, forward-facing and aft-facing steps, caved-in
and missing panels, surface waviness, protuberances, body bluntness,
and missing parts of wing and tail surfaces comprise the types of
damage that can be evaluated. The program user should be able to
model most actual aircraft damage into one or more of these cate-
gories.

Methods presented in Sections 3 through 7 of this report are

used to evaluate the aerodynamics of the undamaged aircraft. Damage
effects are computed on an incremental basis and are added to the
estimates for the undamaged aircraft. Most empirical methods used
to evaluate damage were selected from literature although some were

developed in the course of this study to fulfill a need. These
damage evaluation methods, combined with the basic aircraft aero-
dynamic prediction procedures in a computerized procedure,can pro-
vide the user withon esin and systematic method to evaluate
the aerodynamic effects of a broad range of aircraft damage.

8.1 iMINIMUM DRAG

8.1.1 Roughness

Surface roughness is commonly grouped into two broad cate-
gories: distributed and discrete elements. Distributed roughness
drag is characterized as a drag increment caused by sand particles
of constant height, k, which are closely spaced in such a way that
each lies completely in the wake of the others. Discrete roughness
drag is characterized by roughness elements that are separated enough
that the disturbances from an element will have died out before the
next roughness element is reached.

The level of skin friction, when affected by roughness, follows
the same turbulent drag law as a smooth surface as long as the pro-
tuberances on the rough surface are deeply submerged within the
laminar sublayer of the boundary layer. Above a critical level of
Reynolds number the drag is essentially constant.

The value of k is determined by relating the drag of a
roughened plate to the appropriate sandgrain roughness height that
produces the same drag. For instance, A.D. Young (Reference 39)
found that the equivalent sandgrain roughness for camouglage paints
is approximately 1.6 times the size of the mean geometrical protusions.
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Typical values of k associated with various aircraft components
and surface conditions are presented in References 40 and 41.
A summary of these values is given in Table 8-1. Results pre-
sented in Reference 41 show that there is a fairly rapid increase
in roughness drag as the paint becomes blistered when exposed to
thermal radiation. Roughness rapidly reaches a plateau and stays
fairly constant with increasing heat absorption. When heat causes
the skin to debond, melt, or suffer other damage, the profile drag
becomes the domirnant effect, and skin friction or roughness is no
longer meaningful.

TABLE 8-1 TYPICAL ROUGHNESS VALUES

Surface or Conditions of Surface Roughness k Inch

Average aircraft wing or tail surface .0006

Average fuselage, nacelle surface .0012

Aluminum skin with blistered paint .0012

Fiberglass/Enamel with blistered paint .0025

Fiberglass/Thick coatings and graphite .0030
with blistered paint

Broken Skin .01

Exposed Honeycomb .1

The total aircraft drag increase due to localized areas of
distributed roughness is equal to the sum of the increments from
all aircraft components. The component drag increment due to
surface roughness can be determined from the equation

4CD = (CfR - Cf)AAwet . FF (8-1)
Sre f

where CfR is a composite skin-friction coefficient that includes
boundary-layer effects ahead of and behind the roughened region,
Cf is the skin friction coefficient of the undamaged component,
AAwet is the wetted area affected by roughness and FF is a form
factor that related friction drag of the three-dimensional component
to the 2-D flateplate friction drag. The flat-plate skin-friction
coefficient, Cf, is determined by the methods presented in Section
3.1.1.
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The composite skin-friction coefficient, CfR, is defined
Cfy=2 9TE
CfR = L 

(8-2)

where the trailing-edge momentum thickness, OTE , must be solved

for by an iterative process.

AAwet (Area Affected by Roughness)

< X2

10Z  THICKNESS 07F

" K2 K3--SURFACE ROUGHNESS

___ X DAMAGED

] AR.EA

Figure 8-1 MOMENTUM THICKNESS PROFILE

The momentum thickness in the increased roughness area between X1
and X2 acts as if it starts at distance AX1 ahead of the transition

point X1 as indicated in Figure 8-1. The momentum thickness at X1 ,

X2 and the trailing edge are determined from the 
following equations:

2 01I- X1 Cf(kl, Xl) =ALXI " Cf(k 2 , ZXl) (8-3)

2 9 2
- (OXI + X2 - Xl) . Cf (k 2 ,A Xl + X2 - Xl) (8-4)

ZAX 2 . Cf(k 3 , ZAX 2 )

2 GTE = (nsX 2 + L - X2) . Cf(k3 ,ZAX2 + L - X2 ) (8-5)
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The value of AX, can be solved for by iterating on AXl until
the right side o Equation 8-3 matches the left. The value of
AX 2 is obtained in a similar iterative fashion from Equation

8-4. Finally, the value of OTE can be determined from Equation
8-5 and substituted into Equation 8-2 to define CfR.

8.1.2 Forward-Facing Steps

Reference 6 presents the following method that is used to
eviluate the drag of forward-facing steps. The drag of N steps
of average height, h, and width, w, uniformly distributed on a
body between XI and X2 is given 'cr!

CDFwd.Facing= Cp w- h N (qeff\ (8-6)

Step ref i=l q0 0i

and for a surface
-- n qeff\ (8-7)

CDFwd.Facing = CpW h m.cosA * ff (-

Step Sref i= I

where

= local pressure coefficient as shown in Figure 8-2.7A = sweep angle of the step

n = 3, for forward-facing steps
m = magnification factor. Effect caused by the pressure gradients

on the boundary layer downstream of the step.
m=l, for bodies or wing lower surface
m=Factor for wing upper surface, see Figure 8-3

q eff.= Effective local dynamic pressure ratio as determined
\q. /i from the 1/7th power law of velocity distribution and

Prandtl's relationship for turbulent-flow boundary
layer thickness

qeff. = 7/9 (hi) for h5 8 (8a8)

( qeff) = 1-2/9 hi for h>8 (8-9)

where

8i .37 Xi (8-10)
(RNxi) 1/5
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8.1.3 Aft-Facing Steps

Methods used to estimate the drag of aft-facing steps are
identical to those for the forward-facing steps with the following
exceptions:

t The sign of the equations must be reversed.

• Cp, the local pressure coefficient is shown in Figure 8-4.

* n=2, for aft-facing steps.

8.1.4 Caved-in and Missing Panels

The drag due to N gaps or holes of average width, w, length
1, and depth, h, uniformly distributed between X and X2 is given
by a method presented 

in Reference 6.

CDHoles = w h f (M . D (8-11)
Sref i=l 0

where

KCOMP = compressibility factor, see Figure 8-5.

CD is determined from Figure 8-6 for holes where panel is missing
an from Figure 8-7 for holes where panel is caved in.

For bodies,

m=l, unless in fuselage over wing

m=2.31, for holes over wing/glove region.

For surfaces,

em=l, for lower surfaces

m=Factor or wing upper surface, see Figure 8-3.
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The CDo for holes was developed by extending generalized
data curves presented by Hoerner (Reference 7) for small gaps
and holes. Wind tunnel data on the F-Ill weapons bay and other
data presented in Reference 42were used in the extension of
Hoerner's data.

8.1.5 Waviness

Panels that have been protruded or indented in a smooth
manner by overpressure are treated as waves. Hoerner (Reference 7)
shows the drag due to N waves of height, h, span, w, and length,l,
uniformly distributed from X, and X2 for subsonic flow as

S15' (h/i)2 h w (m qeff) (8-12)Dwaviness Sref q0 I

and for'supersonic flow as:

N
CD - 9.87 (h/i) h-w w (m)i (8-13)
Waviness TM2_ I  Sref

where (qeff/q 0 ) is described in Section 8.1.2 and m is discussed

in Section 8.1.4.

8.1.6 Protuberances

Arbitrary objects which are not represented by the previous
roughness methods can be handled as protuberances. The drag is
estimated by:

CDerot= (eff) (8-14)
Sref

where(qeff) is calculated as described in Section 8.1.2 and Af
q .

is the equivalent parasite drag area of the element in freestream.

8.1.7 Bluntness

Loss of the nose radome causes additional bluntness drag on
the fuselage, which is also evaluated by the AAT procedure. The
original objective was to account for drag due to a missing radome,
but program logic is included to calculate bluntness on any component
represented as a body.

Bluntness drag is estimated in two steps. First, data from
Reference 43 were used to derive the drag due to shortening the
nose length of a body while maintaining a spherical nose shape,
the radius of which equals the radius of the original body at the
point where the nose is severed. This drag increment is shown
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in Figure 8-8. The slopes of the body are unchanged aft of the
severed nose radome. This simulates a fuselage with radome
replaced with a spherical shape. The second step is to estimate
the increase in drag caused by decreasing the length of the nose
shape at the point of sever. Data in Reference 44 were used to
derive the effect of reducing the nose fineness ratio from that
of a spherical shape to a completely flat nose. This drag
increment is shown in Figure 8-9.

The drag of a blunted body is estimated in the AAT computer
code as

C / =(CO)l Amax +(CD) AF (8-15)DBluntness.Do Sref 2 Sref

where

(CDO)1 is determined from Figure 8.8.

(CD°)2 is determined from Figure 8-9.

Amax = Body maximum frontal area.

AF = Body frontal area at point of severed nose fairing.

8.1.8 Missing Parts of Surfaces

Loss of a segment of a surface may cause serious aerodynamic
problems. If it is a lifting surface the minimum drag, lift, drag
due to lift, pitching moments, and rolling moments may all be
affected. Effects on the minimum drag only are discussed in this
section, and other effects are discussed in later sections.

Loss of a section of a surface decreases the wetted area
which results in a decrease in minimum drag. The estimate for
the drag decrease is made by reducing the component friction drag
by the same percentage as the reduction in wetted area. This esti-
mate is made to account for loss of a wing tip, wing trailing edge,
or a portion of any other surface.

Loss of a segment of the wing leading edge or trailing edge
also causes a bluntness drag or base drag that is more predominant
than the friction drag. Minimum drag due to the loss of surface
trailing edge is estimated by a method presented by Hoerner
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(Reference 7, page 3-22) for base drag less a term for the loss in
wetted area friction drag.

ACDTE = 0.34 .(Ac ) (/3 4/3. Ab c + Cf d7 ( c -c ) (8-16)
Sref Sref

where Ab and Ac are the spanwise and chordwise dimensions of
the missing trailing-edge panel, c is the average chord of the
wing in the damaged area, and Cf is the coefficient of skin
friction of the local airfoil ahead of the damage.

The drag due to missing or blunted leading edges can be
estimated from the method presented in Reference 40 as

ACD F z/c Abec (8-17)

LE t~cSref
where

F=.010 if damaged LE has round corners.

-- 015 if damaged LE has sharp corners.

The ratio z/c to t/c is the thickness at the leading edge to the
maximum wing thickness in the damaged region.

8.2 LIFT-CURVE SLOPE

Each type of damage that is accounted for in the AAT computer
code affects the minimum drag level of the aircraft. Some types
also reduce the lifting capability and necessitate an increase
in the angle of attack required to sustain a given flight condition.
Thesc lift effects are accounted for in the program with an estimate
of the incremental lift-curve slope caused by each of the lift-reducing
types of damage. Final results are printed out as increments in
angle of attack at constant lift.

8.2.1 Wing Leading-Edge and Trailing-Edge Cutouts

Wing cutouts, which result from the loss of a leading-edge
or trailing-edge control device, disturb the air flow and change
the lift-curve slope, pitching moment, and drag. AAT estimates for
the effects on lift-curve slope are based on theoretical trends that
were developed with the aid of Carmichael procedure, which is dis-
cussed in Reference 45. The Carmichael procedure is a subsonic/
supersonic finite-element lifting-surface method developed for the

NASA/Ames Research Center.
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A matrix of wings was devised to cover variations of aspect
ratio, sweep, cutout size, and cutout location. Twenty-four wings
were selected from this matrix and evaluated with the Carmichael
procedure to establish empirical charts for the effect of cutouts,
for any arbitrary wing, on the lift-curve slope and aerodynamic
center. Aspect ratio was varied from 0 to 40.0 degrees, taper
ratio was held constant at 0.25, and the planform area was also held
constant. Sixteen spanwise panels and eleven chordwise panels
were used in the representation of each of the wings. Figures
8-10, 8-11, and 8-12 show the paneling scheme applied to three
baseline wings with different sweep and aspect ratio.

Cutouts, with a 20 percent chord, were made in the leading
edge and trailing edge of each of the basic wings. The spans and
locations of these cutouts were systematically varied to produce
data from which trends could be established. Figure 8-13 shows a
sketch of cutout locations, and Table 8-2 shows the theoretical
lift-curve slope for each wing evaluated.

The theoretical trends in incremental lift-curve slope due to
a leading-edge cutout were empirically matched by the following
equation:

ACL = (ACLal + ACLt 2 +ACL1 3 ) ACLa (8-18)
LEA ACL .

S.2 c

Equation 8-18 is for symmetric damage for both left and right wings.
If only one side is damaged, this increment should be reduced by
50 percent.

TABLE 8-2 CALCULATED POTENTIAL LIFT-CURVE SLOPES

BASELINE CUTOUT CUTOUT CUTOUT CUTOUT CUTOUT CUTOUT CUTOUT CUTOUT
R J c4WING A B C A+B+,C X Y Z X+Y+Z

3 20 .0607 .0582 .0583

3 40 .0570 .0544 .0544

5 20 .0775 .0736 .0738

7 0 .0889 .0841 .0844

7 20 .0867 .0825 .0820 .0836 .0752 .0813 .0823 .0840 .0758

7 40 .0730 .0689 .0694
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The incremental lift-curve slopes for leading-edge cutouts,
shown in Figure 8-14, were developed from cross-plotting the
theoretical data. Figure 8-14a shows the increment ACLo for
the cutout of 20 percent chord length, beginning at the 1 45
percent span station on a wing with a 20-degree quarter-chord sweep.
This configuration was selected as the baseline cutout. Deviations
from this configuration are accounted for with additional increments.
The increment for the effect of wing quarter-chord sweep, ACL
and cutout spanwise location, ACL, are shown in Figures

8-14b and 8-14c. The effect of changing the outboard chord length
is estimated with a multiplication factor shown in Figure 8-14d
that was derived from data presented in Reference 46. These data
determined the reduction in lift-curve slope caused by a rectangular,
central cutout on a wing as a function of cutout chord length.

Data from the Carmichael runs also established the increments
for trailing-edge cutouts shown in Figure 8-15. Data from Reference
46 are also used to account for the effect of trailing-edge-cutout
chord length. The incremental lift-curve slope due to trailing-edge
cutout is

+ AL + CL 6) ACLa
ACL. 2 c

Equation 8-19, like Equation 8-18, is also for symmetric wing damage.
If only one wing is damaged, ACL should be reduced by 50 percent.

aTE

8.2.2 Missing Wing Tips

A missing wing tip, in the connotation used in the AAT descrip-
tion and utilization, means that an outboard section of the wing
is missing. A missing wing tip is described by the fraction of
wing semi-span that is lost (Aj 7), and may be as large as the
exposed wing semi-span. The AAT procedure makes separate calculations
for each wing; therefore, flexibility is provided for non-symmetrical
damage to the wing tips. There are two aspects to the lift increment
due to missing wing tips: potential lift and vortex lift.

Potential lift is computed by the method described in

Section 6, and the incremental potential lift id determined as

follows. Planform area, aspect ratio, taper ratio, and the ratio
of fuselage diameter to wing span are computed for the damaged
configuration and include the effects of the shortened wing span.
Potential lift is calculated for the left and right wings independently

since an arbitrary amount of mis sing span may be specified for each

wing. The increment in potential lift-curve slope for each wing is
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defined as the difference between the computed values for the
damaged and undamaged wings. The total increment is defined as

AC L= -ACL + '&CL (8-20)
CPotential La Potential + Potential

Left Right

Correlations with data indicate that the effect of the tip vortices
can be a significant part of the total lift of low-aspect-ratio
wings. Vortex lift methods that are used to compute the nonlinear
lift of the undamaged aircraft are described in Section 6.7; however,
a fast,alternative,linearized approximation to the change in vortex
lift was derived for damage calculation.

Vortex-lift estimates for damage evaluation are based on an
empirical correlation with wind tunnel data on a series of clipped
wings presented in Reference 38. Potential lift predictions are
compared with these data in Figures 6-10 through 6-13. Vortex lift
was assumed to be the difference between the predicted potential
lift and the wind tunnel data. Figure 8-16 shows the correlation
that was derived for the vortex lift curve slope. Aspect ratio
effects are predominant, while sweep effects are less significant
and are ignored. The aspect ratio of the undamaged wing (AR)
and the aspect ratio of the wing with a missing tip (AR') are used
to estimate from Figure 8-16 the vortex lift for each wing. The
change in vortex lift ( ACLovortex) is attributed to the missing
wing tip.

This vortex lift increment is derived from subsonic data
and must be adjusted for Mach number. Polhamus, in Reference 47
shows theoretically that vortex lift is fairly constant for Mach
numbers below 1.0 and decreases to zero when the leading edge
becomes sonic. This trend for the vortex lift is approximated with
two straight line segments in the AAT procedure in the following
manner. The Mach number at which the wing leading edge becomes
sonic is defined by:

MSonic = 1/cos ALE (8-21)

and the vortex lift increment is defined by one of the following
equations:

ACLmVortex ACLa Vortex ; M< 1 (8-22)

Subsonic
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ACL  = AC4 MSonic - M
Vortex Lortex Monic-l 1 < M'Msni (8-23)

Subsonic

AC Vort M>MSonic (8-24)L'vortex

Vortex lift increments are computed independently for the effects
of left and right wing tips missing, and the net effect is given
by

AC = AC + ACL (8L25)

Vortex Vortex Qrex
Left Rignt

Vortex and potential lift increments are additive and the
total increment in lift-curve slope due to missing wing tips is
given by

ACL aTips = ACL Potential + ACLa Vortex (8-26)

8.2.3 Wing Holes with Flow-Through Air

Reference 48 presents data from a wind tunnel test in which
a full-scale A-4B was tested in the Ames Research Center's 40 x 80-
foot wind tunnel to determine the effects of simulated and actual

gun fire damage on the wing. Several damage configurations were

tested that had holes in various locations of the upper and lower

wing surfaces. Holes that allowed air to flow through the wing
from the lower to the upper surface were found to cause a degrad-
ation in the lift-curve slope. Empirical factors have been derived

from these data which relate the lift curve slope to the effective

hole area. which is the minimum area of the air passage between
surfaces. The lift-curve slope of a configuration with holes that
allow air to flow through the wing is given by

where C : /C is the ratio of lift-curve slopes between the

damaged and undamaged configurations. Figure 8-17 shows this ratio

as a function of effective hole area.

The incremental effect of holes with flow-through air on the

lift-curve slope is given by

ACL C ' CL (8-28)
aholes La of

164



1.0

cCLC

.8

.61
.0 .01 .02 .03 .04 .05

EFFECTIVE HOLE AREA/WING PLANFORM AREA

Figure 8-17 Effect of Flow-Through Air

on Lift Curve Slope

8.2.4 Horizontal Tail Damage

Loss of a section of the horizontal tail is specified in the
AAT procedure by two input parameters, fraction of the left
horizontal tail area missing and fraction of the right horizontal
tail area missing. The lift-curve slope of the horizontal tail of
zero deflection (CL ) is calculated by the method presented

in Section 6-2. Tail lift is estimated to be proportional to the
tail planform area. Hence, the incremental lift curve slope is
defined by

CTail Area Lost (8-29)"CLdtail = CLc tail (Total Tail Area /

8.2.5 Net Effect on Lift-Curve Slope

The net reduction in lift-curve slope is determined by summing
the contributions from the components that are damaged.

ACL AC +ACL + ACL + LAC + ACL (8-30)
L LLE + TE GTips GXHoles C Tail
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8.3 DRAG DUE TO LIFT

Aircraft damage that affects the lift-curve slope also
affects the polar shape. These effects are accounted for by com-
puting an increment in the polar shape factor for each of the
types of damage.

8.3.1 Wing Leading-Edge and Trailing-Edge Cutouts

Cutouts on the leading edge or trailing edge of an aircraft
wing produce an increment in the drag due to lift. These effects
are accounted for by estimating the change in the parameters that
are used to calculate the polar shape factor (K). Equation 4-2
defines the polar shape factor for the undamaged aircraft as

1-RR
K =L- + R (8-31)K--CL + eA

The polar shape factor for the damaged aircraft is determined by
estimating the effect of damage on the terms of Equation 8-31
and then recomputing the polar shape factor.

Parameters for the damaged aircraft are indicated with a
prime (') in the following discussion. The lift-curve slope for
the aircraft with leading-edge and/or trailing-edge cutouts is
defined as

CL = CLt + ACL +a CLTE (8-32)

where CL is the lift curve slope of the undamaged aircraft and

ACLLE and ACL are calculated by the methods described in
aTE

Section 8.2.1.

The leading-edge suction parameter, R, is not affected by
a trailing-edge cutout. A leading-edge cutout, however, reduces
the suction over the span of the wing where the leading edge is
missing. An estimate of this effect is made by reducing the
leading-edge suction to 30 percent of its original value over
the ppan where there are leading-edge cutouts.

R' R (1-A ) + Q.3 R (477) (8-33)

where A is the fraction of wing span with the leading
edge missing.
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The Carmichael method was used to estimate the span efficiency
of the zero-suction polars for each of the 24 wings described in
Section 8.2.1. Full-suction polars from these wings' span load
distributions were estimated by the Sivells-Neely method presented
by Abbott and Von Doenhoff in Reference 49. From these zero- and
full-suction polars, the span efficiencies were calculated.
Attempts were made to develop trends in the span efficiency factors
as a function of aspect ratio, sweep, cutout location, and cutout
span. But the data were very erratic and trends were not sufficient
to program into the AAT procedure. The data did, however, indicate
a definite reduction in the span efficiency. Therefore, a nominal
reduction of A e = -.05 is assumed for all cases that have a
leading-edge or trailing-edge cutout. The damaged-aircraft span
efficiency is defined as

e e +Ae (8-34)

The adjusted values of lift-curve slope, leading-edge
suction, and span efficiency are used to calculate the polar shape
factor for an aircraft with cutouts.

K i-& + R' (8-35)
CL 7r e' AR

The increment in polar shape factor due to leading-edge and

trailing edge cutouts is defined by

AKLE,TE = K -K (8-36)

8.3.2 Missing Wing Tips

Removal of the tip from a wing creates a shorter span, lower
aspect ratio, and hence, an increase in the polar shape factor. A
simple aspect ratio correction makes a good estimate of this damage
effect. Aspect ratio is defined as

AR (2 b2 2b (8-37)
Splan s fa+CT o (83

and the incremental polar shape factor is defined as

I

AKTips =K -K = i - I(8-38)
7re A R' 7r e AR
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It is assumed that span efficiency is not affected by loss

of a tip. Substitution of Equation 8-37 into Equation 8-38 gives

AKTis = 1 1 (8-39)
7re. 2b T 7T e 2b

KTiPS21 CR +CT - R +CT (8-40)A p =  2 7r e bp b

Equation 8-40 gives the change in polar shape factor in terms
of the tip chords and spans of the undamaged and damaged wings.

8.3.3 Wing Holes with Flow-Through Air

The full-scale wind-tunnel data on an A-4B that are discussed

in Section 8.2.3 were also used to derive an empirical relationship

between the size of a passage that allows flow-through air and the

span efficiency. This relationship, which is shown in Figure 8-18,

is incorporated into the AAT procedure. The span efficiency of the

damaged wing is defined as

e- e() (8-41)

e

and the incremental polar shape factor due to holes is defined by

K' - ~AKHoles- - Te..1e AR (8-42)

8.3.4 Horizontal Tail Damage

The lift increment due to horizontal tail damage is added

to the lift of the undamaged aircraft along lines of constant angle

of attack. No corresponding reduction in drag due to lift is assessed.

The result is that horizontal tail damage is accounted for in the

polar shape without having to compute an increment in the polar shape

factor.
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8.3.5 Net Effect on Drag Due to Lift

The incremental polar shape factors computed in this section
are summed to determine a single increment that accounts for all
of the types of damage that affects drag due to lift. The total
incremental polar shape due to damage is

ACDL= AI" CL2

where Al ALETE+ 'dTips +AkHoles (-43)
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8.4 PITCHING MOMENT

Aircraft pitching moments are affected by leading-edge and
trailing-edge cutouts, missing wing tips, and horizontal tail
damage. Wing damage is accounted for by calculating the change
in pitching moment that results from an estimated movement of the
wing-body aerodynamic center. Tail damage is accounted for by
calculating the change in pitching moment that results from the
reduction in tail lift.

8.4.1 Wing Leading-Edge and Trailing-Edge Cutouts

The effects of cutouts on the lift-curve slope were determined
with a technique that used the Carmichael procedure to evaluate a
matrix of flat-plate wings. Details of this technique are discussed
in Section 8.2.1. The Carmichael runs that were made also gave an
estimate of the wing aerodynamic center. Figure 8-19 shows empirical
charts that were established to show the effect of cutout location,
cutout size, wing sweep, and aspect ratio on the wing-body aerodynamic
center. Figure 8-19a shows the estimate for aerodynamic center shift
as a function of cutout span and wing aspect ratio. Wing quarter-
chord sweep, cutout location, and cutout chord are held constant.
Figure 8-19b shows the variation of aerodynamic center shift with
wing sweep. Figure 8-19c shows the variation with spanwise location,
and Figure 8-19d shows the variation with cutout chord. The net
aerodynamic center shift is determined by

(Xa.c.)= Xa c)+ Xac+(Xa c) + (Xa c.)4

Data in Figure 8-21 are used to make similar estimates for
trailing-edge cutouts.
(AXa C)T0 ( Xa.'c.=)5 + IAa.c' + X.'c'- + d a

( L _ 5(6) 7  8 (8-45)

8.4.2 Missing Wing Tips

Loss of a wing tip will, in general, shift the wing center of
pressure inboard, and for swept-wing configurations the center of
pressure will move forward. Equations presented in Reference 6
are used to calculate wing planform area, exposed wing characteristic
length, aspect ratio, taper ratio, and the ratio of fuselage diameter
to wing span for the aircraft wing with a missing wing tip. These
parameters are used to establish the fuselage station of the leading
edge of the exposed wing mean aerodynamic chord (XLE). This point
is calculated for both the damaged and undamaged wing. The subsonic
aerodynamic center is assumed to be at the 25 percent mean aerodynamic
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chord and the supersonic position at the 50 percent chord. The
aerodynamic center shift can be calculated at subsonic speeds by

AX - (XT + 0.25 c) - (XLE+ 0.25c) (8-46)

and at supersonic speeds by

AX - (XT + 0.5 - (XLE+ 0.5 c) (8-47)

An arbitrary amount of missing wing tip can be specified for
each side of the wing in the AAT computer procedure. Therefore,
the calculations for moment shift due to missing wing tips are made
independently and averaged to get the net effect.

______ "~left + 'drgt(8-48)

/Tips

8.4.3 Horizontal Tail Damage

Damage to the horizontal tail reduces its lift-curve slope,
as discussed in Section 8.2.4. This change in tail lift can greatly
impact the pitching moments because of the moment arm of the tail.
The incremental pitching moment due to horizontal tail damage is
defined at zero tail deflection by

ACMTai I = -ACLaTail (o- O).(-_) (8-49)

where It is the distance from the wing quarter-chord to the tail
quarter-chord, and ceOH is the angle of attack at which the tail
lift is zero.

8.4.4 Net Effect on Pitching Moment

Aerodynamic center shifts due to leading-edge cutouts, trailing-
edge cutouts and missing wing tips are considered to be additive. The
total shift of the damaged wing aerodynamic center is defined by

a.c. kA:cL Aa)(~cTP(8-50)
'dXa = Xac)L+ ( XacI+ I-dXa ")Ti1
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Lift on the damaged wing is defined by

Ciwing - (CL Ig+ dCLa +ACLa T CL  (8-51)C ig wing aLE TETi

+ ACL ) •(-o
Holes

Pitching moments caused by wing damage are defined by the
product of the wing lift and the distance that the wing aerodynamic

center is moved. The incremental pitching moment coefficient is
defined by

"C AXa c,.8-2
ACMWing CLwng c (8-52)

The net pitching moment increment is determined by summing the

contributions of the wing and horizontal tail.

"CM2- "CMing + " CM'ail (8-53)

8.5 ROLLING MOMENT

Rolling moment on the damaged aircraft is based on the

differential lift that is developed on the wing surfaces and hori-
zontal tail surfaces. The types of damage that reduce the lift-curve
slope also cause rolling moment unless identical damage is incurred
on both sides. Incremental lift is computed independently for left
and right surfaces, and the contribution of each surface to the
rolling moment is calculated.

8.5.1 Wing Leading-Edge and Trailing-Edge Cutouts

Cutout lift effects are evaluated for the left and right
wing surfaces independently by the methods discussed in Section 8.2.1.

The leading-edge lift increment is assumed to act at the 40 percent

span station of the cutout; accordingly, the moment arm is defined
by

YLE =  7i + .4 A7)LE (b/2) (8-54)
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where 171 is the spanwise location of the inboard edge of the
cutout expressed as a fraction of semi-span, and A?7 is the cutout
span similarly expressed.

The incremental lift-curve slope due to leading-edge cutoutsis defined in Section 8.2.1 as ACL . If only one wing is damagedisa LE I nyoewn sdmgd

CLa = ACL (8-55)
LE/Wing aLE

If both wings have leading-ed4ge cutouts, then the incremental
lift-curve slope for only one wing is

CL = 0.5 ACL (8-56)
SLE/Wing a LE

The rolling moment produced by the leading-edge cutout lift
force acting at the calculated moment arm (YLE) is computed as

(C LE) Left ~ C~LE/Wing (

(C LE)Right CLOLE/Wing (C-cO)(I_) (8-58)

Total rolling moments due to leading-edge cutouts are obtained
by summing left- and right-wing moments.

ACGILE = (C'LE)Left +ACILERight (8-59)

Leading-edge cutouts on both wings produce rolling moments that
cancel each other.

The procedure described above is also used to calculate rolling
moments causeu by cutouts on the wing trailing edge. Equations
presented in this section are directly applicable to trailing-edge
cutouts if the subscript 'LE' is replaced with 'TE'.
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8.5.2 Missing Wing Tips

Loss of an outboard section of the wing shifts the aerodynamic
center of the exposed wing inboard and can result in large rolling
moments. To calculate the rolling moments, it is necessary to
determine aerodynamic centers and lift coefficients for the wings
with and withcut the tip removed.

The aerodynamic centers are assumed to be at the mean
aerodynamic chord of the exposed wing. Hence, the moment arm of
the lifting force is defined for the undamaged wing as

y =1/3 (I+2./)+ d (8-60)

where d is the body diameter, b is the wing span, and X is the
the moment arm is

I 1 + 2X( b)+ d (8-61)

A similar expression defines YRIGHT'

Methods of Section 8.2.2 are used to calculate the lift-curve
slopes independently for the left and right wings with the specified
amounts of wing tip removed. Rolling moments for each wing are computed
by the following equations:

C Ti~ Letaef
Ac L(Cft CLO(% (8-62)LeC I Ti ( aetY Left

Le Wing Wing b

G I =T'I CL Right CL (i-a ) (8-63)
Tip Rb b)ight
Right b Wing

and the net rolling moment due to missing wing tips is obtained
by summing the contributions of both wings.

A C I 'T Cip + AC ITip (--64)

Left Right
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8.5.3 Horizontal Tail Damage

Damage to each horizontal tail surface is defined by the
percentage of area lost, and the corresponding lift loss
(ACL ) is defined in Section 8.2.4 for each tail surface.

TailI

The moment arm is assumed to be the distance from the centerline
to the 33 percent exposed semi-span.

YTail = Root + 1/3 (YTip-YRoot) (8-69)

Rolling moments due to each horizontal tail are defined as

ACITail = dCL ((Y - YTail) (8-66)
a' Tail OH) )Left Left ( YTaiI 

(8-67)
ACITail = 'dCL aOH) b

Right Right

Where aOH is the angle of attack at which tail lift is zero.

Left and right horizontal tail contributions to the rolling
moment are summed to obtain the net effect of tail damage.

dClTai I = dCITail + ACITail (8-68)

Left Right

8.5.4 Net Effect on Rolling Moment

The net effect of surface damage to the rolling moment is the
sum of the contribution from each individual surface. Wing surface
holes that have flow-through air cause a decrease in lift-curve
slope and a corresponding rolling moment, unless the damage is
symmetric. This contribution to the rolling moment is small compared
to that produced by missing panels. Because of its relative magnitude
and the requirement for additional AAT input data, the contribution
of holes to the rolling moment is ignored. The n~t effect on rolling
moment is defined by

ACI = 4CILE + dCITE + AdClTips + dClTaIl (8-69)
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8.6 UNTRIMMED DATA FOR DAMAGED AIRCRAFT

Sections 8A1 through 8.4 show the methods that are used to
compute the incremental, longitudinal effects of damage. The
integration of these increments into the untrimmed aerodynamic
data is discussed in this section. These computations are made
along lines of constant angles of attack.

Lateral-directional characteristics are affected if
asymmetric damage is incurred to the wing or horizontal tail.
The predominant effect of asymmetric damage is to the rolling
moment. Side force and yawing moment changes are relatively
small and have been determined to be of secondary importance.
Incremental rolling moments are discussed in Section 8.5.

8.6.1 Lift Curve

The untrimmed lift curve for the damaged aircraft is
determined by applying lift increments from Section 8.2 to the
lift curve of the undamaged aircraft. The prime (') is used to
denote the coefficients for the damaged aircraft.

CL = CL + ACL(a- C o ) (8-70)

where CL is the predicted lift coefficient for the undamaged air-

craft.

8.6.2 Drag Polar

The drag polar of the damaged aircraft includes estimates
for the increases in minimum drag and drag due to lift. Minimum
drag increments are calculated by the methods of Section 8.1,
and the wing damage effects on the polar shape are summarized with
the term AK in Section 8.3.5. Therefore, the incfement in wing
drag due to lift is

ACDLWing = AK(CL')2  (8-71)

Tail drag due to damage is estimated by retaining the
drag due to lift of the undamaged tail while applying the lift
reduction. This is estimated by

C = K [CL2 - (CL + dCL 2(- cf) (8-72)
CDLTai- L TailH
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The net drag of the damaged aircraft at a specified angle
of attack is

CD 0D +ACD +ACD (8- 7)CDLTail

where CDX is the drag of the undamaged aircraft at the lift
coefficient of the damaged configuration (CL ).

8.6.3 Pitching Moment

The untrimmed pitching moment of the damaged aircraft at
zero trim surface setting is determined by applying damage increments
to the pitching moment curve of the undamaged configuration. The
wing and tail are the only components that change the pitching moment
when damaged. Equations 8-49 and 8-52 define the incremehts ACMTail
and ACMWing . The pitching moment of the damaged aircraft

is defined by

I-Cail

CM = CMx + ACMwing +'dCTail (8-74)

where CMx is the pitching moment coefficient of the undamaged con-
figuration at the lift coefficient of the damaged configuration (CL ).

8.7 TRIM

8.7.1 Pitching Moment Trim

Lift and drag increments that result from trimming the pitching
moments of the undamaged aircraft are determined by the methods
described in Section 7. The results depend primarily upon four
items: the pitching moment, the wing-body aerodynamic center, tail
lift-curve slope, and tail effectiveness. Trim lift and drag for
the damaged aircraft are also computed by the method3 of Section 7;
however, the four items mentioned above must be adjusted to reflect
the damage that has been inflicted upon the aircraft.

The pitching moment of the damaged, untrimmed aircraft
is given by Equation 8-74. Movement of the aerodynamic center
( dXac) was determined in the calculation of the untrimmed pitching

c
moment and is given by Equation 8-50. The wing-body aerodynamic
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center of the damaged aircraft can be calculated by

IXac )wn-oy=.a wing-body + "ac (-5

Tail planform area tha t is lost causes a reduction in the
tail lift-curve slope and also in the tail effectiveness. These
parameters are assumed to be proportional to the tail area and
are defined for the damaged configuration by

Cta CL ST (8-76)STail =  Tail S-

C C-ST, (8-77)

where S and S/ are the exposed areas of the horizontal tail before
and after damage occurs.

These modified terms are used in the methods of Section 7
to calculate the total trim lift ( AC L '  ) and trim drag ( ACDT rim
for the damaged configuration. The Trim increment in trim
lift due to damage is the difference between total trim lift of
the undamaged aircraft and the total trim lift of the damaged aircraft.

6ACL = ACLr - ACLTrim  (8-78)
Trim Trim Ti

and similarily for drag,

6 ACDTrim= 'CDrim - ACDTi (8-79)

8.7.2 Rolling Moment Trim

Rolling moments induced by asynmetric danage to the wing or
horizontal tail surfaces can be trimmed with a control surface
deflection or sideslip. A horizontal tail, rudder, elevon, or
snoilcr can be used as a trim device, Since there are many
alternatives for trimming the rollinF moment, the AAT Program
relies upon the user to specify the noment arm of the trimming
device, The drag due to control surface deflection is defined as
the drag component of thc normal force required to counteract the
rolling morient.
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ACDRol I = ACI b tana (8-80)
Y

where Y is the moment arm of the trimming device.

Side force and yawing moment effucts due to asymmetric
damage are small compared to the changL in rolling moment.
Small increments in side force and yawing moment can be offset
with sideslip with negligible effect on lift and drag. Large
amounts of yawing moment can be trimmed with asymmetric thrust.

8.7.3 Trimmed Lift and Drag

Trimmed lift and drag for the damaged aircraft are
calcufated by adding the trim increments to the untrimmed data.

I t

CLrim= CL + ACLTrim 
(8-81)

I I t

CDTrim= CD CDTrim+ 'Col (8-82)

! I

eL and CD are calculated by the Equations 8-70 and 8-73.
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9. DATA COMPARISONS

9.1 UNDAMAGED CONFIGURATIONS

The accuracy of the aerodynamic methods for undamaged
configurations has been demonstrated with comparisons of pre-
dictions with data. AAT problems were run to estimate the
aerodynamic characteristics of several configurations at the
exact conditions at which the data were recorded.,

Reference 1 shows a comparison of predicted lift curves
and drag polars with wind tunnel data for a series of 11 wing-
body models in which there were systematic variations of sweep,
thickness to chord ratio, position of maximum thickness, camber,
and aspect ratio. The study was conducted over a Mach range from
0.23 to 0.94. The Large Aircraft Program, which is discussed
in Reference 1, was used to make these predictions. Aerodynamic
prediction methods used in this program are identical to those
in the AAT procedure code. Therefore, the correlations presented
in Reference 1 also demonstrate the capabilities of the AAT.

A study to demonstrate the capability of the Large Aircraft
Program to make predictions for cranked-wing configurations is
also presented in Reference 1 and is referenced as a source for
verification of the AAT methods. Comparisons were made between
data and eredictions for the following items. lift-curve slope,
drag-due-to-lift factor, minimum drag, and pitching moment slope-
Each wing was planer and was mounted on a cylindrical body of
revolution with a Sears-Haack nose. Model 1 had a 59 degree
leading-edge triangular planform and Models 2 and 3 had two
straight-line leading-edge segments of different sweep angles
(referred to as "cranked" planforms). The three models were
designed to have the same exposed span and exposed area.

9.1.1 F-16 Wind-Tunnel Model

A 1/15-scale model of the F-16 was tested in the Calspan
8-foot transonic wind tunnel (Test T03-483) and in the Langley
Research Center's 4-foot supersonic wind tunnel (Test LRC-4-I156),
The F-16 model, which is normally tested with missiles installed,
had all items associated with the tip-mounted AIM-9 missiles
removed. Since the AAT procedure does not estimate the effects
of the missiles, these data were an obvious choice for comparison
with predictions.
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The configuration was represented in the program with the
following components: fuselage, canopy, nacelle, single-panel
wing, horizontal tail, vertical tail, and two ventral fins.
Comparisons made for the lift, drag, and moment coefficients
are shown in Figures 9-1, 9-2, and 9-3. It should be noted that
the model data are adjusted to a capture area ratio of 1.0
since the AAT procedure does not estimate spillage drag. The
subsonic estimate (Figure 9-1) closely approximates the data
except for the lift coefficient at high angles of attack. The
wing was simulated with only one panel; therefore, the lifting-
surface of the strake was ignor,_d except for its wetted area
contribution to the friction drag. This slight over-simplification
of the configuration and the fact that the effects of strong
vortices (such as produced by the F-16 strake) are difficult to
estimate are responsible for the discrepancy between subsonic
data and predictions at high angles of attack.

9.1.2 Full-Scale FB-111

Substantiation of the aerodynamic, stability, and control
characteristics of the FB-111 was accomplished with the aid of
flight-test data and documented in References 50 and 51. AAT
predictions were made for this configuration at the exact flight
conditions as specified for the data. Comparisons of predictions
and data are shown in Figures 9-4 through 9-10. Predictions for
this configuration used the variable-geometry section of the
program as the wing sweep was varied from the initial angle of
16 degrees to the aft-sweep angle of 72,5 degrees. Figures 9-4
through 9-8 show the effects of sweep variation at 0.8 Mach

number, The flight-test data vary substantially as the wing is
swept, and the predictions, although they do not match the data
exactly, correctly indicate the trends, Predictions for the
aft-sweep angle (72.5 degrees) are also compared with data at
the supersonic Mach numbers of 1.2 and 2.0.

9.2 EFFECTS OF DAMAGE

Aerodynamics for the undamaged configuration are computed
first, and then the damage effects are determined on an incremental
basis and incorporated into the predictions. In keeping with this
method of analysis, the compari.sons for the effects of damage are
also presented on an incremental basis. Only a few reports have
been found that contain aerodynamic test data on the effects of
aircraft damage. Predictions have been made and compared with
data for the cases that are available
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9.2.1 Two Dimensional Wing

Reference 52 presents wind tunnel data on a wing that
was mounted between end plates to obtain section characteristics
and the effects of surface waviness. Several cases that were
tested are listed in Table 9-1, which shows the variations in
wave length, wave amplitude, and number of waves.

Data from Reference 52 were obtained on a smooth model
that had no provisions to cause the flow to transition from
laminar to turbulent. The report states that natural transition
on the model occurred at approximately 21 percent chord. When
a wave was placed forward of this position on the wing upper
surface, it caused the flow to transition at the point of the
wave. Therefore, waves on the leading edge of the upper surface
caused an increase in the friction drag because of the increase
in turbulent flow. Transition as far aft as 21 percent is
characteristic of smooth wind tunnel models. On the other hand,
actual aircraft under normal flight conditions have transition
very near the leading edge, and since the AAT procedure is
designed to estimate the drag of actual aircraft, it assumes
fully-turbulent flow. The result of this situation is that the
wind-tunnel data include a friction increment that is not applica-
ble to an actual aircraft and must be removed for a valid com-
parison with AAT predictions. The drag increments that must be
removed to account for movements of the transition point are
shown in Table 9-1.

Figure 9-11 shows comparisons of AAT predictions with
adjusted wind tunnel data for the 12 cases that are described
by Table 9-1. Predictions do not match data exactly in every
case but they do make a reasonably good accounting for the
effects of these arbitrary amounts of surface waviness.,

9.2.2 F-105

References 53 and 54 present the results of a model test
of the F-105 to determine the effects of simulated damage.
Supersonic data were obtained for two cases of wing damage and
two cases of horizontal tail damage. AAT estimates were made
for lift, drag, pitching moments, and rolling moments for each
case and compared with the data. Figure 9-12 shows the effects
of losing 33 percent of the exposed area of the right wing.
The wind tunnel minimum drag increment appears high for this
particular case since a significant amount of wing wetted area
was removed and still the drag level increased. If it had
decreased, as logic suggests, the data and predictions would have
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TABLE 9-1 WING WAVE CONFIGURATIONS

No. on No. On x/c CD

Case Upper Ltower Length Amplitude First Friction

No. Surface Surface (inches) (inches) Wave (Counts)

- 18 18 3.0 .120 .08 2.9

2 18 18 3.0 .048 .08 2.9

3 46 46 1.2 .048 .08 2.9

4 7 7 7.5 .120 .08 2.9

5 7 7 7.5 .300 .08 2.9

6 13 13 3.0 .120 .33 0

7 13 13 3.0 .048 .33 0

8 33 33 1.2 .048 .33 0

9 5 5 7.5 .120 .33 0

10 5 5 7.5 .300 .33 0

11 1 0 3.0 .120 .105 2.4

12 0 1 3.0 .120 .105 0
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Figure 9-12 Effects of Removing 337. of Exposed Right
Wing From an F-105, M - 2.0
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been much closer. Sixty-two percent of the exposed wing area
is missing for the case shown in Figure 9-13, and the expected
drag reduction is indicated by the data. The two cases of
horizontal tail damage are shown in Figures 9-14 and 9-15.

9.2.3 NASA Research Model No. 1

Reference 55 presents wind tunnel data on a delta-wing
research model that was tested to determine the effects of
wing damage. Figure 9-16 shows the lift, drag, pitching moments,
and rolling moments that result from removal of the wing aileron.
This case is simulated in the AAT procedure as a trailing-edge
cutout. Figure 9-17 shows the effects of removing 32 percent
of the exposed wing area, and Figure 9-18 shows the effectL of
removing the entire vertical tail.

Wind tunnel data presented in Figure 9-18 show that removal
of the vertical tail caused no effects except on the drag.
Because the fuselage shields the vertical tail, the wind tunnel
drag decreased to zero as the angle of attack was increased.
AAT predictions make no accounting for shielding effects on the
surfaces. Therefore, the estimate for vertical tail removal
is only a minimum drag incremern.

9.2.4 NASA Research Model No. 2

Reference 56 presents data on another model that was
tested by NASA to determine the effects of removal of certain
parts of the wing. Data were obtained at only two Mach numbers,
1.70 and 2.36. Comparisons are similar at both Mach numbers,
but those at 2.36 Mach were selected to be presented here.
Figure 9-19 shows the effects of losing the entire leading edge
of the right wing. The lift, drag, and rolling moment predictions
are very close to the data. Pitching moment effects, however,
are overpredicted. The prediction method was developed primarily
for cutouts over a smaller span, such as would result from losing
a leading-edge device. Use of this method to estimate the
effects of removing the entire leading edge is an extension of
its original intent. Still, predictions are good except for
the pitching moments.

Comparisons of data and predictions for the trailing edge
missing and for the entire right wing missing are shown in
Figures 9-20 and 9-21.
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DAMAGE INPUT TO AAT
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Figure 9-16 Effects of Removing Right Aileron From NASA Research
Model No. 1, M - 1.41
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Figure 9-17 Effects of Removing 327. of Right Wing Exposed
Area from NASA Research Model No. 1, M -1.41
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DAMAGE INPUT TO AAT

DWING (16) 1.0 FRACTION OF VERTICAL TAIL MISSING

-WIND-TUNNEL DATA
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Figure 9-18 Effects of Removing Vertical Tail From NASA
Research Model No. 1, M - 1.41
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DAMAGE INPUT TO AAT

OWING (1) - 0.2 AC/C OF CUTOUI
OWING (2) a0.15 "'Zi, INBD EDGE 01- CUTOUT
OWING (3) -0.85 A 7, SPAN OF CUTOUT
OWING (4)0.885 L.E. TO MAX THICKNESS
OWING (5) - 1.0 INDICATOR FOR ROUNDED CORNERS
OWING (6) -2.0 INDICATOR FOR RIGHT WING ONLY
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.04
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Figure 9-19 Effects of Removing Right-Wing Leading Edge
From NASA Research Model No. 2, M -2.36
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DAMAGE INPUT TO AAT

OWING (7) -0.368 AC/COF CUTOUT
OWING (8) -0.15 n i, INBO EDGE OF CUTOUT
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OWING (10) - 2.0 INDICATOR FOR RIGHT WING ONLY

WIND-TUNNEL DATA
._ _ .- A A T P R E D IC T IO N

DRAG

LIFT /

,/
CD 0  /

A a (Do) I"/

U? 
1.0

0 .5 .0 0 .51.
CL CL

ROLLING MOMENT

PITCHING MOMEI.T .

.000

____C 

00_ ___ACM .0 .0
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Figure 9-20 Effects of Removing Right-Wing Trailing Edge
from NASA Research Model No. 2, M - 2.36
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DAMAGE INPUT TO AAT.
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Figure 9-21 Effects of Removin- Right-Wing From NASA

Research Model No. 2, M - 2.36
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9.2.5 Full-Scale A-4B

Reference 48 presents data from a full-scale wind tunnel
test of an A-4B aircraft to determine the aerodynamics with
simulated and actual gunfire damage to one wing. These data are
excellent for comparing with the AAT predictions for holes in
the wing surface. Figures 9-22 through 9-25 show data and
predictions for four of the configurations that were tested.
Sketches on each figure show the wing panels that were removed
from the upper and lower surfaces. AAT damage input parameters
that are required to describe the holes are also listed on each
figure. When multiple-hold cases are represented, an average
length, width, and depth are used in the input.

9.2.6 Flat Plate Roughness

The Boeing Aerospace Company recently conducted a study
(Reference 41) to determine the effects of nuclear thermal damage
to the skin-friction drag of a series of flat-plate specimens.
The force data measured for each test specimen, were used to
4etermine an incompressible, skin-friction coefficient and an
equivalent surface roughness value (k). Figure 9-26 shows a plot of
skin-friction coefficient versus roughness that includes a datq
point for each specimen that produced consistent results over several
runs.

An AAT problem was run to calculate the skin-friction drag on
a flat plate under the same conditions as the test specimen. The
methods in Section 8.&.l were used to evaluate the skin-friction
drag on a flat plate with two areas of different roughness. Calcu-
lations were first made for a smooth flat plate (k=O) to simulate
the 17.5-inch section of tunnel floor that preceeded the specimen.
The second AAT run was for a 22-inch flat plate on which the forward
17.5 inches again simulated the tunnel floor with a smooth section
and aft 4.5 inches simulated the test specimen. Several runs were
made with varying amounts of roughness on the aft 4.5 inches of the
plate. Estimated drag on the simulated test specimen (aft 4.5 inches
of the plate) was determined by subtracting the drag of the 17.5-inch
smooth flat plate from the drag of the 22-inch plate with roughness.
The prediction for the flat-plate specimen, which is shown as the
solid line in Figure 9-26, is in very close agreement with the test
data.
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10. CONCLUSIONS AND RECOMMENDATIONS

The Aerodynamic Accounting Technique Computer Code provides
the capabilities of evaluating basic aircraft aerodynamics and
estimating the aerodynamics effects of roughness and aircraft
damage. The first, and most fundamental, part of the program
estimates the lift, drag, and pitching-moment coefficients of
an arbitrary aircraft. The second part of the program evaluates
the effects of aircraft damage as described by one of the 14
modes of damage simulation that are provided. The 14 damage modes allow
the user to represent almost any type of actual aircraft damage that
may be encountered.

Successful operation of the program is verified by AAT pre-
dictions favorably cemparing with F-16A wind-tunnel data and FB-11
flight-tesc rata. Damage evaluation methods are verified by coTn-
parisons with data from tests on an F-105, an A-4B, and several
research models.

This computerizod approach to aircraft analyses offers a
significant improveme ' over hand calculations based on handbook
methods. Some of the more important advantages are:

1. The program can handle complex relationships between
geomezric and aerodynamic parameters. Many of the
details of these calculations would not be feasible
in band calculations.

2. Ca~culations done by hand require a great deal of time
and are prone to error.

3. HEnd calculations generally depend, to some extent,
on the individual's judgment and may lead to results
that are inconsistent. The program, on the other
hand, is always consistent in its calculations.

This program can be used by simply following the instructions
provided in the Program User Guide. However, it is recommended
that the serious user familiarize himself with the methods that
are used in the program. it is also recommended that the user
make a run on a configuration for which test data are available
that is similar to the one being evaluated and correlate the
predictions with the test data to establish limits for credible
lift, drag, and moment predictions for the type of configuration
being evaluated.
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The AAT program is constructed in a modular form that allows
subroutines to be easily added or replaced in order to incorporate
new or improved aerodynamic methods into the program. The damage
evaluation section of the program is set up to allow the addition
of 6 additional modes of damage evaluation without major revisions
to the existing programming statements.

Methods used in the evaluation of the undamaged aircraft are
highly refined and were developed over many years by engineers
throughout the aerospace industry. Damage evaluation, on the other hand,
has not been a priority topic until recently and consequently, the
methods are not as highly refined. Checkout problems (Section 9)
show that the methods are quite accurate for the cases that were analyzed
and compared with data. Additional wind tunnel testing for damage
effects could, however, be used to verify and enhance the methods
that are now being used in the program.
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LIST OF SYMBOLS

A Area

AR Aspect Ratio

b Wing Ipan

CD Drag coefficient

Drag due to lift
CDL

CDR Drag rise

Cf Skin friction coefficient

cf/c Flap chord to wing chord ratio

CL Lift coefficient

CLD Wing design lift coefficient

Cld Section camber lift coefficient

CLDB Value of CL for flow separation

Cp Pressure coefficient

CLpB Value of CL where drag polar ceases to be parabolic

CM Pitching moment coefficient

CR Root chord

c Mean geometric~l chord

CLa Lift-curve slope

d Body diameter

e Net polar span efficiency

eo Wing-body polar span efficiency

ew Theoretical wing-alone polar span efficiency

d f Equivalent parasite area

i Incidence angle
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LIST OF SYMBOLS, continued

Polar shape factor

k Surface roughness height

Kcomp Compressibility factor

1 Length

m Drag magnification factor

M Mach number

MAC Mean geometrical chord

MCR Critical Mach number

q Dynamic pressure

R Leading-edge suction factor

RN Reynolds number

S Surface area

t/c Wing thickness-to-chord ratio

X Longitudinal location

Y Lateral location

Z Vertical location

at Angle of attack

lBM 2-l orV1-M2

ACL Polar displacement at minimum drag

ACL°  Lift displacement at a =0

Ay Airfoil leading-edge sharpness parameter

A Sweep angle

A Taper ratio

0TE Airfoil section trailing-edge angle
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LIST OF SYMBOLS, continued

6 Deflection or boundary layer thickness

17 Fraction of semi-span

Subscripts

ac Aerodynamic center

BT Boattail

c/4 Quarter-chord

c/2 Mid-chord

Cc Center of gravity

e Effective value or exposed

exp Exposed

HT Horizontal tail

i Inboard

LE Leading edge

LER Airfoil Leading-edge radius

max Maximum value

min Minimum value

N Nose or number of wing panels

o Zero lift or outboard

PB Value at CLpB

plan Planfoun

ref Reference

sex Exposed airfoil surface

t Tail surface

TE Trailing edge

WB Wing-Body

e t Wetted area 224
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