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SUMMARY

An experimental and theoretical program of research
was conducted to determine the effect  of the main rotor wake
on the effectiveness of the horizontal tail surface and to
further refine and expand the predictive theory initiated
during the previous years’ effort. Experimentally , it was
determined that while the vortex flows developed large pitch-

ing moments on the wing, the horizontal tail surface, regard-
less of its geometrical location with respect to the wing
MAC, was able to counter the pitching moment and trim the
configuration.

The experimental data also indicated that, while large
changes in the pitch angle of the horizontal tail were re-
quired to obtain configuration trim when the concentrated
wing vortex wake was in the vicinity of the horizontal tail
surface, the aerodynamic angle of attack remained relatively
small and the tail effectiveness did not change by more than

25%.

The refined and expanded theoretical prediction method
provided greater insight in the aerodynamic characteristics
on the upper and lower surface and, in general, predicted the
vortex flow effects more accurately. The results suggest that
with the proper program streamlining and documentation the
predictive program can be used successfully as a design tool.
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FOREWORD

The work described in this technical report was per-
formed by RASA Division of Systems Research Laboratories,
Inc., for the Department of the Navy, Office of Naval
Research, Arlington, Virginia, under Contract N umber
N00014—74—C-0091. The research ~ro’~ram was undertaken

under the technical cognizance of Dr. Robert E.

Whitehead of the Vehicle Technology Program of ONR.
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1. INTRODUCTION

For the past several years , the RASA Division of
Systems Research Laboratories, Inc., has been conducting an

experimental and theoretical study of the vortex-flow inter-

actions with low aspect ratio lifting surfaces under contract

N00014—74—C—009l. The general objective of this study has

been to investigate the concept of vortex control for the

improvement of the performance characteristics of lifting

surfaces, especially low aspect ratio swept wings at high
angles of attack. The ini~al experimental investigation
conducted under this contract effort  (Ref.  1) showed that
significant improvement on the performance characteristics

of low aspect ratio swept lifting surfaces could be achieved
by the use of vortex generation and control techniques. A

second set of experimental results (Ref. 2) showed that a
beneficial change could be effected in the lift up to angles

of attack of approximately 28° by the use of leading edge

vortex generators. However, further attempts to improve the
maximum lif t coefficient could not be achieved , partially
because the flow on the outboard section of the lifting surface
was difficult to stabilize.

The experimental research conducted to date has been
concerned primarily with a 1/4—scale model similar to the F4E

wing planforin and with retrofit leading edge vortex control

p 
devices attached to it. While the test results on the configu-

ration have shown that positive performance gains can be ob—
• tam ed by the interaction of the wing with the vortices genera—

ted by leading edge surfaces, it was found , however , that the
pitching moment tended to become an unstable moment (nose up)

with increasing angle of attack at the higher angles of attack.

This is particularly true for configurations that utilized

leading edge vortex generators. This unstable pitching

14



moment characteristic is realized as the large incremental

lift forward of the MAC obtained on the inboard sections of
the swept wing is not balanced by the lift generated by the
outboard sections of the wing which are aft of the pitching
moment axis and only carry small amounts of vortex lift. It
was believed, however, that the magnitude of the overall
pitching moment was well within the control capability of a
conventional tail plane operating in undisturbed air. Be-
cause the possible interaction of the vortex flow generated
by the wing with the tail plane might significantly reduce
the effectiveness of the horizontal tail, it was concluded
that the effectiveness of the horizontal tail operating in
the wake of the wing should be investigated. The interaction
of the wing vortex flow with the tail surface is different
from that of the vortex flow on the primary lifting surface,
as in that case, the vortices are generated on the surface
itself, whereas at the tail plane location, the vortices are
free vortices. Because of the large effect that the vortices
had on the performance characteristics of the primary lifting
surface, their effect as free vortices on the aerodynamic
characteristics of the tail plane was investigated experi-
mentally and the results of this investigation are presented
in this report.

In addition to the ~‘~~~rimental investigation of the
wing vortex flows on the effectiveness of the tail plane, de-
velopment of the theoretical prediction method was continued.

In the initial work, a nonlinear theoretical pre-
diction technique was formulated tc determine the aerodynamic
loads on a swept, low—aspect ratio lifting surface at high
angles of attack. It involved the use of doublet lattice method
along with the accounting of all the pertinent flow phenomena
associated with high angle of attack, e.g., flow separation ,
leading edge and tip vortex flows, etc. Favorable correlation

15



between measured and predicted results was shown both in the
total l if t  and in the loading distributions. Due to some in-
herent assumptions involved in the analysis, however, its pre-
diction capabilities were limited. For example, in the original
formulation, the no-flow boundary conditions were satisfied
along the mean camber line of the airfoil. This resulted in
the omission of the thickness and the curvature effects in
the computation of surface potential pressures.

In the study, presented herein , the original formu-
lation has been extended so that flow tangency boundary con-
ditions can be satisfied on the true wetted surface of the wing
instead of only the upper surface. This enables the computa-
tion of surface pressures individually on the upper and lower
airfoil surfaces. In addition, a better and more realistic
mathematical model than the one utilized in Reference 2 was
developed for the representation of the leading edge vortex
system. The new representation of the leading edge vortex
system has been derived under the basic assumption that the
velocity in the core is very large in comparison with the
velocity outside the vortex viscous core. Also, the radial
flow has been included in the representation of the vortex
core flow. The resulting solution has been utilized for the
prediction of suction pressure peaks in the vicinity of lead-
ing edge vortices.

Since the thickness and chordwise slope of the air-
foil has been included in the analysis, it has resulted in an

improved determination of fully separated flow regions on the
surface. Additionally , a new criterion for the prediction
of vortex breakdown phenomenon has been incorporated in the
program. This criterion is based on the theory of finite
transition and it implies that when the axial velocity in the
core reaches a certain velocity (critical velocity) the -vortex
is assumed to have burst.

16



2. DESCRIPTION OF MODEL AND INSTRUME N TAT ION

2. 1 Model
The model for this experimental investigation con-

sisted of two lifting surfaces, a basic wing panel with suit-

able leading edge attachments and a tail plane . Both the
lifting surfaces are semi—span models similar in geometry to
and approximately 1/4-scale versions of the F-4 phantom wing
planform and its horizontal tail. The model wing and tail,
however , have no diheral unlike those of the F—4 phantom air-

craft. A picture of the wing tail model in the wind tunnel
is shown in Figure 1.

The basic wing panel has a nominal leading edge

snag starting at the 68% semi-span and extending to the tip.
The basic wing was tested with and without a root strake. The
wing panel as well as the root strake employed were exactly
the same as those used in earlier tests and a detai1~~ descrip-
tion of these configurations was given in Reference 1.

A planform sketch of the basic wing panel with the
root strake is shown in Figure 2. The root strake consists
of a triangular shaped leading edge extension. The base of
the triangular strake increased the root chord of the basic
planform by 38% and its leading edge was swept 75% with
respect to the free stream. Pressure taps we::e installed at
220 locations on one side of the wing panel. The locations
of the pressure taps were shown and listed in Reference 2.

A 1/4-scale semi-span model approximating the F-4
tail planform but with no dihedral was designed and fabricated.
The tail plane model was constructed of wood and had a NACA
0006 airfoil section. A planform sketch of the tail plane
with all the dimensions listed is given in Figure 3 and
Figure 4 presents a photograph of the tail surface. Pressure
taps were installed at 98 locations on the tail surface , half

17
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of which are on one side and the other half on the other side.
The locations of these pressure taps on the tail surface are
shown in Figure 5 and tabulated in Table I.

The model incorporated provisions for mounting the
tail plane at various lateral and longitudinal distances from

the wing panel as well as means of remotely controlling the
angle of attack of the tail surface relative to the wing about
a vertical axis passing through its mean aerodynamic center.

2.2 Instrume~ttation
Forces and moments on the model system, the wing

and tail plane, were measured by a six—component, yoke—type

balance located beneath the floor of the test section at the
University of Maryland wind tunnel facility (Reference 3).
The balance measurements were monitored on-line prior to off-

line computer processing into the lift, drag, and side force,
and the pitch, roll and yawing moment coefficients based on the
planform area of the wing. The forces and moments were resolved
into a wind—axes coordinate system. The pitching moment was
taken about an axis which passes through the quarter chord line
of the mean aerodynamic chord, and the rolling and yawing mo-
ments were taken about the wing root. A sketch of the coor-
dinate system is shown in Figure 6.

The balance system that was used to record the total
force measurements at the University of Maryland wind tunnel
has the following accuracy:

Lift ± 0.5 lb
Drag ± 0.1 lb
Side Force ± 0.2 lb

Pitching Moment ± 0.2 ft—lb
Rolling Moment ± 0.2 ft-lb
Yawing Moment ± 0.2 ft-lb

18



The data for the tests was reduced to coefficient form using
the following constants:

A = 16.570 ft2 (wing and snag)
= 17.580 ft2 (wing and snag and strake)

q = 11.89 lbs/ft2 (dynamic pressure)
= 4.01 ft (wing mean aerodynamic chord)

s = 4.8 ft (wing semi—span)

The coefficients were then transferred from the balance center
directly down to the floor of the test section (vertical dis-
tance of 3.46 9 ft). The forces and moments were then trans-
ferred to the wind axes at the main wing (see Figure 6). After
transferring the data to the wind axes at the wing, corrections
were applied to the balance measurements to account for wind
tunnel wall and blockage interference effects according to the
following relationships, which were derived from Re ferences 4
and 5.

cx = c x  + 1.57008 CL

CD = 

~~m 
.02247 CL

2

CM = + 0.004646 C
m L

The total CL (wing and tail) was used to calculate these cor-

rections. Further appropriate corrections to the data as de-
scribed in Reference 1 were not made as the tests were conducted
primarily on a comparative basis.

For the pressure measurements, the transducers in
each scanivalve were calibrated against the central manometer
system of the University of Maryland wind tunnel. The wind

(I tunnel total, static and the centerline static pressure were
monitored from three ports in each scanivalve. The normal
sensitivity of the pressure measurement system yielded a
resolution of AP/q = ±.01. Since the system measures the
steady pressures instantaneously, the mean rxns pressures may
not always be measured, particularly for stalled flow.

19
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The pressures at the 220 pressure taps located on the
semi-span wing model were recorded from the pressure transducers
housed in five 48—port scanivalves. Three ports on each scani—

valve monitored the tunnel total, static and tunnel centerline
static pressures. Similarly, the pressures at the 98 pressure
taps located on the semi—span tail model were recorded from the
pressure transducers housed in a different set of scanivalves.
The pressure transducers were calibrated in the range of
±2.5 lb/in2. The pressure measurements were recorded on punched
cards and were converted to coefficient form, t~P/q as follows:

~P/q = 

~~s 
— 

~~~ 
/ ~~ 

— Ps I
where P5 is the static pressure at the tunnel centerline , P~

is the pressure measured at each port and P~ is the tunnel

total pressure.

2.3 Model Installation
Each configuration of the wing—tail system tested

differed from the other in two parameters: (1) The longitu-
dinal separation between the wing MAC and tail MAC (L);
(2) The horizontal separation (H) between the wing mean aero-
dynamic chord and that of the tail. A given configurat .~ n had
a specific value for L and H, which were set using the turn-
table mechanism on the floor of the test section. The model
arrangement on the turntable for a typical configuration is
shown in Figure 7. For given values of L and H , the turn-
table (and hence the balance beam underneath) was rotated

clockwise ( looking from the top) through an angle •‘ where
= sin~~ (N IL) .  After mounting the wing and tail on the

balance beam , their chord lines were aligned with the free
stream such that they were at a geometric angle of attack of
zero degrees (see Figure 7 ) .  The configuration was tested
at various angles of attack, by rotating the turntable counter-
clockwise (looking from the top) through a degrees and the
distances between the wing and tail remained the same.
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3. WIND TUNNEL TESTS

The wing—tail configuration, as discussed earlier,

is specified by two geometric parameters: (1) The longitu-
dinal separation between the wing MAC and tail MAC (L) in
inches; (2) The horizontal separation (H in inches) between

the wing mean aerodynamic chord and that of the tail. Apart

from these the wing itself had two basic configurations:
(1) wing plus conventional snag and, (2) the wing plus snag

with the root strake added .

Wing configurations with two different values of L

and five different values of H were tested. These are :

L1 = 75” ; L2 = 60”;

Ill = 0; H2 = (O.3)Rct; H3 = (0.6)Rc
~
; H4 = (0.9)Rc t;

H5 = (l.2)Rc t

where Rct is the root chord of the tail in inches. The tests

conducted can be broadly classified into two types. (1) Wing

along with and without the root strake, but at the same orien-
tation and position which it would have with the tail at the

various longitudinal and horizontal separations ; (2) Wing—

tail combinations, each of which differs from the other in

the values of L and H. Basic wing as well as wing with

strake were tested in combination with the tail.

Each configuration was represented by a five digit
number followed by a letter A or B. The first digit can be
either 1 or 2 where 1 refers to the basic wing with an out-
board snag and 2 refers to the basic wing plus snag and a
root strake. The second and third digits together give the
longitudinal separation (L) in inches. The fourth and fifth
digits together give the offset (H) in tenths of root chord
of the tail. The letter A denotes the wing alone configuration
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and the letter B denotes the wing—tail configuration. For
example, 2—75—06-B designates a configuration with the basic
wing, snag and the tail where L = 75”  and H = 0.6 Rct.

Associated with each configuration is a specific initial turn-
table angle, d?’, at which both the wing and tail are mounted ,
each aligned in the free stream direction. Each configuration
is set up as per the procedure described earlier.

The current tests were conducted at a Reynolds num-
ber of 2.5 x 106 based on the wing MAC and a dynamic pressure
of 11.89 lbs/ft2. The primary purpose of this test program
was to find the effect if any of the vortex flow generated
by tne main wing on the tail surface, especially at large
angles of attack.

The first series of tests conducted involved wing
alone configurations (with and without strake), with the wing
at the same orientation and position which it would have with
various wing—tail con figurations. Balance data was taken for
these configurations at various angles of attack ranging from
00 to 30° by turning the turntable through an appropriate
angle.

The next series of tests involved wing—tail con-
figurations with various values of L and H. With the tail
present, at each wing angle of attack, the angle of attack
of the tail was varied until the wing tail combination had
zero pitching moment about the wing MAC. Balance data as
well as pressure measurements on the wing and tail were taken
at this approximate trim condition. The angle of attack of
the tail was then varied ±4~ , ±8~ about its approximate trim
angle and at each tail angle of attack (wing angle of attack
remaining constant), the balance data as well as pressure
measurements were taken, to determine the effectiveness of
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the tail. This procedure was repeated for a number of angles
of attack of the wing. The wing angles of attack chosen were

8~ , 16°, 20°, 24°, and 28°. A description of the configurations

that were tested are given in Table II.
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4. DESCRIPTION OF THEORETICAL PREDICTION MODEL

In the recent years, the prediction of aerodynamic
loads on lifting surfaces of various shapes by lifting surface
theory has been developed rather extensively (e.g., References
6, 7, and 8). The simplest lifting surface methods for pre-

dicting aerodynamic loads are limited to flows at low angles

of attack (linear methods). In these cases, the lattice rep-
resenting the surface and the wake consists of elements which
are parallel and normal to the free-stream velocity. In the
nonlinear methods, this constrained representation is relaxed
so as to account for leading edge and tip vortex systems and
also to account for flow separation, etc.

In an earlier effort of the present contract
(Reference 2) a nonlinear theoretical prediction technique
was formulated to determine the aerodynamic loads on a swept,
low aspect ratio lifting surface at high angles of attack.
It involved the use of doublet lattice method along with the
accounting of all the pertinent flow phenomena associated with
high angle of attack, e.g., flow separation, leading edge and
tip vortex flows, etc. Favorable correlation between measured
and predicted results was shown both in the total lift and in
the loading distributions. Due to some inherent assumptions
involved in the analysis, however, its prediction capabilities
were limited. For example , the no-flow boundary conditions
were satisfied only along the mean camber line of the airfoil

thus ignoring the thickness and the curvature effects for the
computation of surface potential pressures.

In the present study, the previous analysis has been
extended so that flow tangency boundary conditions can be
satisfied on the true wetted surface of the lifting surface
instead of only the mean camber line which enables the
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computation of surface pressures on the upper and lower sur-
faces of the airfoil separately. The present analysis to be
discussed herein, has a more realistic mathematical model for
the representation of the leading edge vortex system than the
one previously utilized in Reference 2. The new representa-
tion of the leading edge vortex system has been derived under
the basic assumption that the axial velocity in the core is
very large compared to the velocity outside the vortex viscious
core. Also the radial flow has been included in the represen-
tation of the vortex core flow.

Since the thickness and chordwise slope of the air-
foil profile has been included in the analysis, it has resulted
in an improved determination of fully separated flow regions
on the surface. Additionally, a new criterion for the pre-
diction of vortex breakdown phenomenon has been incorporated

in the program. This criterion is based on the theory of
finite transition and it implies that when the axial velocity
in the core reaches a certain velocity (critical velocity) the
vortex is assumed to have burst.

A more detailed description of the above-mentioned
analyses and modifications are included in the following
sections.
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4.1. General Formulation

4.1.1. Statement of the Problem

The objective of the analysis procedure developed
herein is the prediction of the aerodynamic loads of low
aspect ratio lifting surfaces operating at high angles of
attack, by a simple but inclusive analysis.

The steady subsonic flow over a swept, low—aspect
ratio lifting surface of arbitrary shape is considered herein
and a nonlinear lifting surface theory is utilized to predict
the aerodynamic loads on the lifting surface at moderate to
high angles of attack. All the pertinent flow phenomena at
high angles of attack are included in the analysis. More
specifically, the nonlinear prediction of aerodynamic loads
on a lifting surface is formulated so as to include the suc-
tion effect of the free vortices and to account for vortex
bursting and flow separation. The vortex flows are repre-
sented as viscous line vortices by means of a finite element
approach during their formation and life over the wing sur-
face. The vortices are considered to be “free” as they are
allowed to move due to the mutually induced interaction with
the wing and each other. Once the stabilized positions of the
vortices with respect to the lifting surfaces are achieved,
the spatial distribution of vortex suction lift is computed
by determining the suction pressure required to balance the
centrifugal force of the swirling vortex flows and adding
these pressures to those suction pressures developed by the
axial flows.

4.1.2. Potential Flow Formulation

4.1.2.1. Basic Equations
Consider a Cartesian coordinate system attached to

the wing and as shown in Figure 8, the x-y plane describes
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the zero-mean angle of attack plane of the wing and z-axis is
directed away from the upper surface of the wing.

Potential flow implies that the flow is irrotational
so that the velocity vector can be expressed by the gradient
of a velocity potential ~~,

(1)

Since the continuity equation is given by
(2)

for incompressible steady potential flows, the velocity poten-
tial ~ of the flow around a wing surface satisfies the Laplace
equation

7 2 ~ = 0. (3)
Therefore the problem of determining the steady, inviscid ,
irrotational, and incompressible flow around a wing surface
described by a boundary surface S, involves the solution of
the Laplace equation

~~~ ~~2 ,,, ~~~~.!.._L + ~~~~~~~~~ + ~—L = 0 (4)
ax 2 3y 2 az 2

with appropriate boundary conditions. After the velocity po-
tential ~ is determined, the velocity can be obtained from
Equation (1) and the pressure can be obtained from Bernoulli’s
equation.

For convenience ~ is separated into two parts, i.e.,

(5)

Here, • is the perturbation velocity potential, which vanishes
in very far regions and is that part of the potential which
gives the free stream velocity , i.e.,

( 6 )

27



4.1.2.2.  Boundary Conditions

The Laplace equation being a second order differential

equation requires two boundary conditions for its solution. In

the regions very far from the wing , the perturbation potential
is zero or the total velocity at large upstream distances cor-
responds to the free stream velocity i~ . The second boundary
condition, related to the requirement for flow tangency, states
that over the wing surface S, the normal velocity 

~~ 
should be

zero , i.e.,

~~~~ . f t =~~~ (7)

where ft is the surface unit normal . The boundary condition
Equation (7 )  can be rewritten in terms of the perturbation
potential arid the free stream velocity after combining Equ a-
tions (5) and (6) as follows:

(8)

For convenience ~ • can be defined as the induced velocity
vector 

~~~~~
, which allows the boundary condition, Equation

(8). to be written as

The above boundary conditions and the Kutta condition, which
will be discussed in a later section, are utilized for the
determination of the perturbation potential •.

4.1.2.3. Solution of the Laplace Equation

It can be shown that the potential function in-
duced by singularities such as a source , or doublet will
identically satisfy the Laplace equation and will vanish at
infinity. Therefore , the solution of the Laplace equation
is one of finding a singularity distribution on the surface

S that satisfied the normal boundary conditions in Equation ( 9 ) .

28



Since a source distribution alone does not produce any

resultant lift, the doublet distribution has

been utilized in the present formulation.

If “D” corresponds to a surface doublet distribution
whose axis is everywhere along the outward normal to the local

surface S, the potential induced at any point P is given by

= f f ~.... ds (10)

where ~ is the distance vector from doublet source “D” on S
to point P, and ft is the unit vector outward normal on the
elemental local surface ds and S is the total surface on

which doublets are distributed. In general, the surface S
consists of the upper and lower surfaces of the l i f t ing  sur-
face and the wake surfaces .

Substitution of Equation (10) into Equation (8)
results in the following integral equation

~ f f D~~L~ • f t _ ~~3 . f t  (11)

In the present analysis the integration of the above equation,
for the determination of doublet distribution D, is carried

out numerically.

4.1.2.4. Numerical Method of Solution
In order to carry out the integration of Equation

(11), the surface of a semi-wing is assumed to be divided

into a finite number of quadrilateral elements as shown in
Figure 8. The value of the doublet strength D is assumed
to be constant over each surface element and it is assumed

that the axis of the doublet is directed along the local
surface normal at each control point which is at the centroid
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of each element. A numerical procedure is then utilized such
that Equation (11) is satisfied at a finite number points cor-
responding to the centroids of the various elements represent-
ing the wing surface.

It can be shown, by analogy with electromagnetic

theory, that the flow induced by a doublet distribution of

density “D” over a given area is the same as that due to a
vortex of strength D around its boundary. Therefore, numeri-

cally the doublet distribution on the surface of the wing
corresponds to a network of vortex elements as indicated in
Figure 8. Once the strengths of the vortices is obtained, the
Biot—Savart law is utilized to obtain the velocity field in-
duced by the network of vortex elements. The manner by which
this is accomplished will be discussed in the following
paragraphs.

Let N be the total number of elements representing
the upper and lower surfaces of a lifting surface. Since it is
assumed that the load distribution is symmetric, only a semi—
wing need be considered. It is noted, however, if it is
desired to include the effect of the loading from the other
half of the wing , a mirror image of the loading on the semi-
span wing must be utilized for symmetrical loads. For un-
symmetrical loadings a similar representation of the complete
lifting surface from tip to tip would have to be utilized .

Let v~ be the flow induced by the doublet distribution at the

~th control point in the direction of the negative local nor-

mal (inward normal), then in general, it can be written that

~~~ N DVn .  = —v~n j~ 1 ij ~ (12)

Here is the total influence coefficient of all the vortex
elements of unknown strength D).
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In general is a function of the relative dis-
tance and orientation of the vortex elements (assumed to have
unknown strength D~) with respect to the location of the con-
trol point i and the angle with respect to the local normal
associated with the control point. Physically , is the
downwash velocity normal to the local surface at the control
point i (along the local negative normal) due to a doublet
distribution of unit strength located at element j and its
image. The angle O~ defining the slope of the unit normal
vector at control point i on the airfoil surface is given by

= tai~~ ( d z / I d x I )  ( 13)

If ~~~ and ~~~ are the induced velocities at point
i in the positive X- direction and in t~ie positive z— direction
respectively, due to the unit doublet distribution at element
j ,  then a

~~
’ along the local inward normal on the upper surface

face can be defined as:

= — (c~~ cos + ~~~ sin eL ). ( 14)

For the lower surface c) is
1cj~ = (c~~ cos + a1~ sin 8~~) ( 15)

The free stream velocity component in the local out-
ward normal direction ~~~ for the control point i on upper sur-
face is expressed as

= U0 sin (a 0 — O~ ) (16)

The corresponding free stream component U~~ for the control
point on lower surface is given by

= — LI0 sin — e~) (17)

In Equations (16) and (17) a0 is the geometric angle of attack
of the mean line of the wing and U0 is the magnitude of free
stream velocity as indicated in Figure 8.
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The problem of solving the integral Equation (11)
has now been reduced numerically to the solution of a linear
set of N equations, which was obtained

N
j~ l ~~ 

d~ = — U0 sin (a0 — 

~~~~~~~ 

(18)

by combining Equations (9), (12), (14), (15), (16) and (17).

In Equation (18) the superscripts u and 1 have
been dropped since ~~ is the general expression for the
influence coefficient given by

= ~~ cos + ~~~ sin 8~ (19)

So far, in the development of the equations in the
form for numerical solution, the effect of the wake has not
been considered . It can be shown, by using the Helmholtz
vorticity theorem, that the doublet strengths on the wake are
constant along each streamline; and by imposing the Kutta
condition, their magnitudes are equal to the difference of the
doublet strength evaluated at the trailing edge . Therefore ,
in general, the doublet strength on each wake element can be
expressed in terms of the doublet strength imparted to a
particle as it leaves the wing surface. Thus, the elements on
the wake do not introduce any new unknowns . Once the wake
geometry is prescribed , the influence of all the wake elements
along the same streamline can be summed in the streamline di-
rection and included as part of the coefficients ~~ and cj~
in Equation (19).

4.1.2.5. Determination of Pressure Coefficients Over the
Wing Surface.

Bernoulli ’s equation is utilized for the determination
of wing pressure loading under the assumptions of potential flow .
The pressure coefficient at any point i may be defined as
c~~ where
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c~~~= l — q ~~/ q~
2 (20)

and q~ is the total velocity at point i.

Let u~ , v~ , and w~ be the perturbation velocity

components at point i in the x, y, and z directions respec-
tively, then the total velocity in the chordwise tangential
direction v1~, the spanwise tangential direction v~3 and in

the normal direction can be expressed in terms of Uj s  Vj ,

and w~ as follows:

= —u~ 
cos + w~ sin + U0 cos (a0 — 9~~) (21)

= vi (22 )

= w~ cos G~ + u ~ sin 8~ + U0 sin (a0 — e~
) (23 )

Here, yin is zero due to the boundary condition of no flow

through the wing surface. Substituting Equations (21), (22)
and (23) into Equatton (20) results in the following expression
for the pressure coefficient:

c~~~~~ 1— c o s 2 ( a — 8 ~
)

cog + w
~~i 

U0 sin e
j ]  

2cos~ a— 8~

— u~ / U cog + w~ / u0 sin ej }  
2 

- (v
~ / ~0 

2 (24)

The perturbation velocity components in the two

tangential directions, 
~ j c and via l are obtained from the

doublet distribution, D , in the manner outlined in the fo].-
lowing paragraphs .
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The average velocity vector at any control point

is computed from the gradient pf the potential defined by

Equation (10):

rr
- 

~~ ~~ r~ 

r ds (25 )

During the numerical computation of the contri-

bution of the surface element at which the coefficient is cal-
culated is skipped since that element contributes only to a
discontinuity in the tangential velocity. This component, of

due to D
~
, VD/2, is computed numerically from the surface

doublet distribution, D, by using finite differences. The
velocity components at i due to in both the chordwise and

spanwise tangential directions are then added to the corre—
sponding average velocity components as computed by Equa-
tion (2 5 ) .
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4 .2. Formulation of the Equations Describinq Vortex and Suction
Lift

The interaction of a concentrated free vortex with a

l i f t ing surface can be separated into two mechanisms; (1) the
influence of the vortex induced velocity field, and (2) the
effect of the viscous core on the near field pressure distri-
bution of the lifting surface. The first effect is easily
accounted for, as it can be included in determining the
potential flow field. For example, the doublet lattice method
discussed in the earlier section adequately includes the in-
fluence of the vortex induced velocity field. The second
mechanism, the nonlinear suction lift is the main subject of
the present section.

Due to the complexity of the equations of motion ,
only, simplified solutions of the wing—vortex interactions
problem have been obtained to date. These simplified solu-
tions are limited to the cases such as the pressure field
generated is a uniform free stream due to a Rankine or to a
decaying vortex ( Batchelor ’s solution , Reference 9) and for
the case of a line vortex adjacent to a slender body. A
good review of these existing theoretical models is presented
in Reference 10.

In general, as indicated by the equations of motion ,
the incremental suction peaks obtained due to a wing-vortex
interaction we the result of the radial pressure gradient
term which is balanced by centrifugal and/or Coriolos forces

arising from rotational flow and from axial and radial motion

in the vortex flow field. This is also noted in the experi—
mental results presented in Reference 11, where strong suction
peaks are accompanied with high axial flow, core growth and
vortex displacement. Therefore, it is apparent that an adequate
accounting of vortex axial and radial flow is essential for the
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correct prediction of suction peaks associated with wing vortex

interactions. The Rankine vortex completely neglects axial
flow, while the Batchelor vortex is valid only for weak axial
flows and neither of these representations include radial flow.
Since for the leading edge vortex, both the axial flow and
the radial flow effects are important, it was found necessary
to develop a new model which can include these effects.

4.2.1. Self—similar Solution of the Forming Vortex

It is observed that the leading edge vortex flow has
some distinct characteristics such as the presence of a turbulent
core at the center when the leading edge vortex sheet rolls up
tightly to form a concentrated vortex. This turbulent core
appears almost conical and there is a definite presence of a
large axial flow in the core. These physical characteristics
suggest that any mathematical representation of a leading edge
vortex system should be such as to account for the large axial
flow in the core compared to that outside or far away from the
core of the vortex. T. R. Goodman (Reference 12) obtained a
self-similar solution of the Navier—Stokes equations under
boundary-layer approximations and with certain additional
assumptions. This solution of the vortex flow includes the
characteristics similar to those of a leading edge vortex
system during its formation.

As previously mentioned, the leading edge vortex
system contains a central core where viscous effects predomi-
nate. A characteristic feature of this core is the presence
of a strong axial flow produced by an axial pressure gradient
which is induced by the axial variations in the radial pressure
gradient. The solution which will be utilized for the pre-
diction of suction pressure peak, has been derived under the
basic assumption that the axial flow in the core of the vortex
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is very large in comparison with the axial velocity far  away
from the center of the vortex. Also , the radial flow is in-
cluded in the representation of the vortex core flow. The
equations which result are nonlinear and lead to a two—point
boundary value problem. A brief description of equations is
given in the following paragraphs.

The equations of motion (the Navier-Stokes equations)

written in terms of the cylindrical coordinates x, r, 8 with
corresponding velocity components u, v, w and under the usual
boundary layer approximations are :

u 3 u/a x + v 3u/3r = - 1/p 3p/3x
+ v

~
/r 3/3r (r 3u/3r) (26)

— w2/r = — 1/p 9p/ar (27)

u 3w/a x + v 3w/ar + vw/r
= 

~~ 
3/3r (l /r 3/3r (rw) ) (28)

3 (ur)/3x + 3 (vr)/ar = 0 (29)

In the above equations v
~ 

corresponds to the kine-

matic turbulent eddy viscosity . Upon making the following
substitutions

k = rw  (30)
h = r v  (31)

y = r2/2 (32)
in Equations (26) through (29) and upon defining a stream
function ij~ such that

h = 3~p/3x (33)
u = 3i~i/3y (34)
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with tL~ 
= V~~ x F (n) (35)

K 2
where r~ = v 2  (36 )

t x

and also letting

K K,~ G (Ti ) (~‘fl

K 4
2. = 

2 2 K (Ti) (38)
~ vt x

the equations of motion are reduced to the following set of
ordinary differential equations:

FF” — F’2 = 2 (K + r~ K ’ )  + 2 ~ (ii F”) (39)

2
= K ’ (4 0 )

4!’~

— FG’ = 2riG” (41)

The corresponding set of boundary conditions are :
G = 0 , F = 0  at~~~= 0  (42)

G -
~~ 1, F’ + 0, K~ ~~‘ — 1/4 (43)

Equations (39) through (43) indicate that a self-similar
solution of Equation (26) through (29) can be obtained in
terms of a similarity variable n as defined by Equation (36).
£‘hysically K~ is the value of the circulation of the vortex
divided by 2ir.

The details of the numerical solution of Equations
(39) through (41) with the boundary conditions given by Equa-
tions (42) and (43) are described in Reference 12 and will
not be repeated herein. The solution involves the specifica-
tion of a parametric constant ~~~

‘ the value of which may vary
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from 0 to - 1/2. The radial distribution of circumferential

velocity is such that the vortex consists of a core near the
center resembling a solid body rotation , but outside the core

the circumferential velocity varies asymptotically as l/r, that
is, similar to a potential vortex. The maximum circumferential
velocity is given by

wmax = C~,, ~~~~~~~~~ 

. 

‘ (44)

and the core radius is defined as

V
(45)

Here C~ and Cr are constants depending on the parameter ~~~

‘

mentioned earlier. For example when ~~~

‘ 
= - 1/2, C~ = 0.16

and Cr = 4.2. The radial flow behaves as a sink , entraining

fluid which is then jetted out at the core in the form of the
axial flow. The maximum axial velocity for ~~~

‘ 
= - 1/2 is

defined by

K , 2
U = C ~~~~~~~~~ (46)

at the center of the core of the vortex. It can be seen from

Equation (46) that the axial velocity becomes smaller as x
increases. This indicates that after some downstream distance
the axial velocity will no longer be very large when compared
to free stream velocity and therefore, at that stage the vortex
should be represented by a different mathematical model such as
that of Batchelor, Reference 9 Also, it should be noted from
Equation (45) that the turbulent core is conical as indicated
by the flow visualization of the leading edge vortex presented
in Reference 11.
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4.3. Application of the Self-similar Solution to Represent

the Leading Edge Vortex

The self—similar solution described as needed in the
previous section can be utilized for the prediction of incre-
mental suction peaks in the vicinity of leading edge vortices
generated by highly swept low aspect ratio wings at moderate
to high angle of attack. For the present application it will
be assumed that the leading edge vortex during its formation
has ra~’,a1, swirl, and axial flow characteristics as descrf~bed
in the previous section. This solution may be described an~.--
lytically as

2
= (Wmax ) (1 — K2e

”<3’~
’ 
) for d’ > 0 (47)

V = ( W )  1(4e
’~~5

d for d’ > 0 (48)

where

d’ = (49)
C

Equations (47) and (48) describe the swirl velocity and axial

velocity components of the vortex at any radial distance d

from the center of the vortex when d is greater than rc.

Here r
~ 

is the core radius as described by Equation (45).

Also (Wmax) is the maximum swirl velocity given by Equation

(44~ . K1, 
~~ 

K3, K4, and 1(5 are constants obtained by curve

fitting the numerical solution of Equations (39) through (41).

By placing two identical vortices, whose flow char-
acteristics are represented by Equations (47) and (48),
adjacent to a lifting surface, one above and its image below
the wing at equal distances , the no flow boundary condition
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through the airfoil surface is identically satisfied. It is
assumed that the distance d is greater than the viscous core
radius rc. Since most viscous effects are confined within the

core of the vortex, the vortex flow characteristics outside of
the core are assumed to be similar to that of potential vortex.
Due to the image vortex, the tangential and axial velocity

components in the image plane (wing surface) are doubled and
the suction field is intensified’by a factor of four compared
to the isolated vortex. Thus, the incremental ~tatic pressure
coefficient created by the wing vortex interaction on the sur-
face for d > r

~ 
may be defined as

4 2 2t~Cpv = —.-~~‘ 
(v~ + V

a 
) (50)

U0

Here the effects of the swirl flow and axial flow have been
combined and Bernoulli’s Law has been utilized. Also, the
increment of suction pressure has been nondimensionalized

with respect to 1/2 p U0
2. Substitutions of Equations (47)

and (48) into (50) results in the following relationship

= 4 (~~~~~X) 
[K4 

2e 2K5d + 

~~~~~~_. (1 - K2e~~~~~)] (51)

Equation (51) in combination with Equations (44), (45), and
(49) describe, in general, the incremental suction peaks due
to the vortices at any point on the wing surface, with d
being the radial distance of the point from the axis of the
vortex.

4.3.1. Empiricity of the Method
The prediction of the incremental suction peaks by

application of Equation (51) is semi-empirical due to the fact
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that turbulent kinematic viscosity v~ and the parameter con-

stant ~~~

‘ have to be established empirically at the present
time. The other parameter, circulation iç, is obtained ana-

lytically by application of Helmholtz vorticity theorem and
a simple roll up theory. The distance d is known once the
force free position of the vortex is established.

Under the assumption of a constant eddy viscosity
in the core of the vortex, V

t 
has been shown to be a function

of Reynolds number 2TrK~/V where V is the kinematic viscosity
of the air. Based upon the experimentally obtained results
from various sources as given in Reference 13, an empirical
expression has been developed for the eddy viscosity v~. If

the Reynolds number R~ is defined as

2~ K~ (52)

and the kinematic eddy viscosity parameter a as

a = 2-n lç

then for Reynolds numbers RN between l0~ and 5 x l0~ , the

parameter a is given by

a = l0’
~~ ~.22. + .6 (54)

For RN outside the range mentioned above, a has to be obtained

from some other source . For example, Reference 13 also gives

a value of a = 0.2 x l0”~ for very large Reynolds number

C> l0~). It is believed that this value of a may be utilized
for full scale wings with vortices of large magnitude.
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The value of parameter ~~~

‘ depends on the shape of
the leading edge . As mentioned in an earlier section, the
value of ~~~

‘ varies between 0 to - 0.5. Physically , ~~~

‘ equal
to - 0.5 corresponds to a smooth formation of leading edge
vortex with drag associated with it being a minimum. A vor-
tex from a sharp leading edge should correspond to a value
of ~ which is greater than - 0.5 such as - 0.3. A larger

value of ~~~

‘ (e.g., — .3) results in greater axial velocity

at the center of the vortex and consequently corresponds to
a vortex with higher drag associated with it. This vortex
also has higher values of the maximum swirl velocity. For
the present application the formation of the vortex has been
assumed to be smooth and , therefore ~ has been taken to be
equal to - 0.5. For this value of 

~~~

‘
, Cw is equal to 0.16

in Equation (44) and Cr is equal to 4.2 in Equation (45).
Also substitution of the definition in Equation (53) into
Equation (44) and (45), gives

—2. 24.6  a (55)
x

and W = .02545 — (56)max ax

Here x is measured along the axis of the vortex. Equa-
tion (51) reduces to the following expression after sub-
stitution of the constants K1, K2, 1(31 K4, and K5:

= 4 
W 2  

F (d/rc) (57)

with 2

F(d’ ) = 8.058e~~~
320

~
’ 

+ (1 — .74l e~~ BB2 d ’ ) 2 (58)

Equations (54) through (58) are sufficient for the complete
determination of incremental suction peaks 

~~~~ 
after the
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circulation ic,, and the distance d of the vortex from the

wing have been computed.

0
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4.4. Determination of Vortex Breakdown

The self—similar solution representing the upstream
portion of the leading edge vortex indicates (Equation (46))
that the maximum axial velocity becomes smaller at downstream
stations , that is as x increases. Therefore, it seems
obvious that after some distance downstream, say at x equal
to x~, the flow described here must evolve into some different

flow such as, that flow described by Batchelor. Batchelor’s
solution is based on the assumption that the axial velocity
in the core region is small in comparison with the free stream
velocity. It is obvious that this assumption is clearly valid
for some downstream stations of the leading edge vortex. One
of the main differences between the two flows is in regards to
the variation of the viscous core radius rc with the downstream

distance x. At upstream stations (x < x
~~
) r

~ 
increase linearly

with x Equation (55), while at downstream stations Cx > x
t
)

r
~ 

varies approximately as the square root of the distance,

say Cx - xt)”2. Also, the core velocity continues to decrease,
keeping the flow of volume flux in the core approximately con-
stant, until the vortex bursts.

The criterion , for the determination of vortex break-

down, that has been utilized in the present analysis is based
on the theory of finite transition as given by Benjamin (Ref-
erence 14) . In this theory of finite transition, the break-
down is thought of as a process similar to the hydraulic jump
or a shock wave. Using the hydraulic jump analogy, the theory
explains the vortex—breakdown phenomenon as a transition be-
tween two steady states of axisymmetric swirling flow. The
state upstream from the breakdown is assumed to be super-
critical and conservation equations for mass, axial momentum
and angular momentum are applied to relate the flow conditions
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upstream and downstream of the transition. Barcilon (Ref-

erence 15) has worked out the details of a simple case of a
vortex having a core rotating as a solid body surrounded by
potential flow and having uniform axial velocity in the core.
The result indicates the existence of critical velocity u~

which is analogous to the velocity of sound in a comp~,essible
flow. Barcilon defines this critical velocity as

2
= ;1~co (59)

with Q being the volume flux in the core. It is noted that
transition can occur only from a velocity higher than the
critical (supercritical) velocity u

~ 
to one that is lower.

For the present application the leading edge vortex
has been assumed to have burst when the average axial velocity
in the core of the vortex reaches u~ as given by Equation (59).

At stations downstream of the point of vortex breakdown , the
incremental suction peaks are taken to be zero.
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45. Determination of the Force—Free Positions of the
Vortices

For the computation of the correct pressure dis-
tribution over the lifting surface in the presence of vortices,
it is essential that the force—free positions of the vortices
be determined. In the present analysis , control points are
described along the length of each of the vortices. At each
of these control points the following components of velocities
are computed:

a. the velocity components induced by the surface
doublet distribution of the lifting surface ,

b the self—induced velocities due to vortex curvature
and the velocities induced by the other free vortices,

c. the free—stream velocity component, and
d. the axial velocity in the vortex core.

Since a force—free vortex allows for only the flow
along its axis , the vortex is considered stationary when this
condition is satisfied. It is obvious that since these above
velocity components are dependent upon the unknowns being
solved for , the force—free position of the vortices must be
determined in an iterative manner. A complete description
of this iterative procedure is presented in a later section.
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4 6 .  Determination of the Regions of Separated Flow

At moderate to high angles of attack, the flow over

the surface of a low aspect ratio swept wing is very complex
and may be described by a mixture of potential and separated
flow regions. The separation and/or reattachment are highly
influenced by the character of the boundary layer, such as
laminar boundary layer or turbulent boundary layer. Several
methods have been developed for the calculation of three—
dimensional boundary layers over swept wings. These methods
are semi—empirical as regards to the specification of shear
stresses and the initial conditions . These methods are very
successful in predicting separation at low angles of attack
but the procedures breakdown in case of wings at high angles
of attack.

A simple criterion for the prediction of the sep-
arated flow regions was utilized in the earlier work (Ref-
erence 21) and reasonable results were obtained. Specifically ,
the procedure, for determining whether at any point on the wing
separation had occurred, or not, involved a comparison of the
net aerodynamic angle of attack (the geometric angle of attack
minus the induced angle ) versus an empirically defined angle
above which the section was assumed to be stalled. The eval-
uation as to whether or not separation had occurred or not
was conducted on an element-by—element basis so that at
various geometric angles of attack , the lifting surface had
different regions of separated flow.

Since in the present analysis, the slope of the
surface of the airfoil (Equation (13)) is included, an improve-
ment was obtained in the determination of the fully separated
flow regions based on the same separation criterion as used in
Reference (2). Here the aerodynamic angle corresponds to the
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local geometric angle of attack of the surface element with
respect to flow minus the induced angle. Also, it may be

noted that since the upper and lower surfaces of the wing

are treated independently , the flow is always attached

(potential) on the lower surface, while the upper surface

has a mixture of potential—separated flow regions. This
representation of both airfoil surfaces eliminated the
necessity of the use of an empirical cross—flow coefficient
to compute the lift on the separated element as was done ‘in

Reference (2).
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4.7. Iterative Procedure Utilized for Solution of Equation

of Motion

As previously discussed, the problem of determining

the aerodynamic loads on a lifting surface at high angles of
attack is highly nonlinear in nature. It is obvious, there-

fore, that the solution must be determined in an iterative
manner. The iterative calculation procedure that is utilized
to obtain the desired solution is presented below:

Step a - The doublet strengths over the lifting surface
are calculated at low or moderate angle of attack , when it

can be assumed that the flow is fully attached or potential
on both the lower and upper surfaces. Also, no free concen-
trated vortices such as leading edge vortices, tip vortex,
etc. are included in this initial computation. This step
and the next two steps may be skipped if the approximate
strength and locations of the concentrated vortices are known
for the configuration under consideration.

Step b - The initial path of the various vortices such as
strake vortex , leading edge vortex, tip vortex, etc. is es-
timated approximately from the distribution of the doublet
strength along the edges of the lifting surface as computed
in Step a. The subsequent path of these vortices in space
is assumed here. As an example, doublet strength distribution
along the leading edge is examined. The point along the edge
where the peak of this distribution occurs, corresponds approx-

imately to the location where the leading edge vortex starts

moving away from the edge in the downstream direction. Also,
generally, this point of origin of the vortex moves inboard
as the angle of attack is increased. An analogous procedure
is followed for the other vortices.

Step c - Knowing the approximate locations of the con-
centrated vortices (their strengths are unknown at this stage),
the influence coefficients of all the control points with
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respect to boxes along the edges are altered appropriately by
including the effect of all the free vortices. More specifi-

cally, the strengths of the various segments of the free
vortices are related to the differences of doublet strengths
of some of the boxes along the edges of the lifting surface.
This procedure is identical to the one used for the inclusion
of the wake at the trailing edge. Utilizing these modified

influence coefficients, the distribution of doublet strength
over the lifting surface is computed for the given angle of
attack. As a result of this calculation , the approximate
strengths of all the vortices are known for the prescribed
locations of the free vortices.

Step d — Since an estimate of strengths and locations of
the vortices has been obtained , the effect of flow separation
on the upper surface is computed in the next step. The
criterion followed for the determination of separated flow

regions is as previously described.
Step e - Based on the computed strengths of the vortices,

doublet distribution on the lifting surface, free stream
components, etc., the total velocity vector at each element
of each free vortex is computed.

Step f - The difference in the orientation of the
velocity vector with respect to the axis of each free vortex
is determined and the vortex location moved so that this
difference is less than some specified value.

Step g - Steps c, d, e, and f are repeated until con-
verged locations and strengths of vortices have been obtained.

Step h - On the basis of converged solution obtained in
Step g the pressure coefficients on the lifting surface are
computed as per procedure previously described. Also, the
incremental suction peaks in the vicinity of vortices are
computed. Finally, the pressure distribution on the lifting
surface is appropriately integrated to obtain the overall
aerodynamic lift.
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4.8. Application of the Analysis

The analysis formulated in the previous sections was

utilized to develop a computer program for the prediction of the
aerodynamic loads on a lifting surface. The basic assumptions
of any nonlinear lifting surface theory are also inherent in the
present program. Some additional assumptions and limitations
involved in the present program are noted below:

a. The general solution of equations describing the for-
mation of vortices at the leading edges is not incorporated in
the program at this stage. Only the solution corresponding to
the value of parameter ~~~

‘ being equal to -1/2 is included in the
program. This assumes that the formation of the vortices is
along a relatively smooth rounded edge. For general ap-

plicability, the solution of equations described in the

previous sections should be included in the present pro-
gram for all possible values of the parameter ~~~

‘ (-l/2<~
’<0).

b. Some of the parameters for the representation of vor-
tices such as value of kinematic turbulent viscosity v

~ 
in the

core, the initial value of x in Equation (43), the value of
parameter ~~~, etc., have to be established empirically.

c. The variation of V
t 
with Reynolds number is yet to be

established for a full range of Reynolds numbers. The relation-
ship described by Equation (52) is utilized in the present
program. This relationship is valid only for the values of
Reynolds n umber between iO~ and 5 x i0

5 . Moreover the vari-
ation of V

t 
with Reynolds number as given by Equation (52) was

derived from the data of wing tip vortices. Even though the
qualitative variation of with Reynolds n umber seems to be

correct, the quantitative variation of with Reynolds number

is yet to be verified.
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d. The primary unknowns of the problem such as circulation
strengths and spatial positions of vortices, regions of separated
flow, etc., are determined in an iterative manner which may re-
sult in a limitation of the accuracy of the solution.

e. Even though the force free positions of all the vor-
tices can be established in an iterative manner by the program,
the initial approximate spacial location of all the vortices
has to be specified beforehand. This may be very cumbersome
in some cases.

While the above might be considered to be limita-
tions of the analysis, they really indicate parameters whose
values will be better defined when the program has been used
more extensively than it has been to date.
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5. DISCUSSION OF RESULTS

Since there were two distinct parts to the research
effort during this contract, tests of wing tail configurations
and modifications and extension of the theoretical predictive
method, the discussion of the results that were obtained from
each invidiaual part will be discussed separately.

5.1. E~çperimental Tests of Wing Tail Configurations

Since , because of the lateral and longitudinal of f-
set of the horizontal tail (Figure 7), the wing would be in
different locations in the wind tunnel, it was necessary to
measure the basic aerodynamic characteristics of the various
wing configurations prior LO conducting the tests of the wing
tail configurations. The results of these tests, and a com-
parison of these results with those obtained with the wing
pivoted about the tunnel centerline, are presented in Figures
9 through 14. While it can be seen from the data presented
in Figure 9 that the lift coefficient was not altered by the
location of the basic wing in the wind tunnel , it was for the
wing strake configuration, at angles of attack above 26 de-
grees (Figure 10). It is believed that the reason for the
noted differences between the data from the previous tests
and those obtained during the present series is due to slight
extension of the strake into the converging section of the
tunnel as the angle of attack became large. The slight flow
misalignment caused by this would cause the strake vortex
formation to be affected and thus change the relationship
between the strake and leading edge vortex over the wing sur-
face. While this effect reduced the maximum lift coefficient
that could be obtained due to wing vortex interaction, it is
not believed that the basic flow mechanism under study was
altered.

54



The reduction in the drag coefficient noted at high

angles of attack for the wing strake configuration (Figure

12) would be expected due to the reduction of the lift in

this angle of attack region (Figure 10). Since the lift co-
efficient was not altered for the basic wing, it was not
surprising that the drag coefficient was not altered for
those same configurations.

The pitching moment coefficient about the aero-
dynamic center for the basic wing in the various locations
in the tunnel is presented in Figure 13. From the data pre-
sented in this figure it can be seen that except for con-
figuration 1-60—09—A all of the pitching moment data agreed
very well with that previously obtained with the wing when
it was pivoted about the centerline of the tunnel. The data
obtained for configuration 1-60-09-A indicates that the lead-
ing edge vortex formed earlier and was stronger than that of
the other configurations. At high angles of attack, since the
flow is almost all separated, the pitching moment coefficient
for all configurations would be expected to be the same. The
reason for the unique behavior of configuration 1-60-09-A was
not determined as this configuration was not utilized further
in the investigations that were conducted.

The pitching moment coefficients for the wing strake
configurations are compared with those obtained during a pre-

vious test with the wing pivoted about the centerline of the
tunnel in Figure 14. At first glance there seems to be a con-
siderable amount of scatter in the data. While it is recog-
nized there is scatter, the absolute magnitude of the scatter
in CM is only on the order of ±0.01 which is approximately

1/15 of the maximum value of the CM measured for the basic

wing configurations. It is believed that the reason for this
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scatter is two—fold , first, the pitching moments are relatively
small and thus difficult to measure accurately and secondly ,
since the pitching moments are transferred from the balance
point to the mean aerodynamic center of the wing, small meas-
urement errors in the drag and lift all contribute to the
small differences in the pitching moment that is plotted. Even
though there is scatter in the dat~ all of the configurations,
regardless of their position in the tunnel, exhibited the same
kind of pitching moment with angle of attack particularly in
the angle of attack region of 28 degrees where the pitching
moment suddenly changes from a stabilizing to a destabilizing
value .

On the basis of these preliminary tests, it was con-
cluded that while there were some effects on the aerodynamic
characteristics of the lifting surfaces due to its location in
the tunnel, they were not of a magnitude to sufficiently affect
the results of the test program.

To determine the effect of the wing wake on the tail
effectiveness, tests were conducted for the various configura-
tions to determine for various wing angles of attack, the pitch
angle of the tail at which the pitching moment of the wing-
tail configuration went to zero. In addition, the ef fective-
ness of the tail surface in generating pitching moment about

the wing MAC was also determined by varying the tail angle of
attack about its trim value. The results of these tests are
presented and discussed below .

Figure 15 presents the results of the tests con-
ducted with configuration 1-75-06B which is the basic wing
configuration (without strake). This configuration produced
an increasing nose down pitching moment with increasing
angle of attack similar to those configurations for which
data was presented in Figure 13. As can be seen from the
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data presented in Figure 15, the pitching moment generated
about the wing MAC by the tail surface , as its angle of attack
was altered, was surprisingly linear regardless of the angle
of attack of the main wing. The slope of the pitching moment
curve with tail angle of attack dCM/dctT provides a measure of

the effectiveness of the tail and the results presented in
Figure 15 indicated that while there is some loss in tail
effectiveness as the wing angle of attack is increased from
15 to 30 degrees, it is only on the order of 25%, which is
much less than might be expected.

The variation of the tail angle of attack (relative
to the wing mean chord) with increasing wing angle of attack ,
shown in Figure 15, indicates that above a wing angle of attack

of 20 degrees very large changes in the tail geometric angle
of attack are required to maintain aircraft trim. In investi-
gating the reasons for this apparent large change in angle of
attach of the tail surface, the system forces and moments were
inspected in detail as well as the tail pressure distributions.

Figure 16 presents a sketch of the directions of the force and

moments as well as the relative geometric orientations of the

lifting surfaces at a moderate angle of attack. As is shown in
this figure for configuration l-75—06B , the wing generates a
nose down pitching moment about its MAC, and the drag force on
the tail produces an opposing nose up pitching moment about the
wing MAC. In order to provide moment trip about the wing MAC
the tail must then develop a lift force in the direction shown.
Since at lower angles of attack of the wing, the tail drag
moment and the wing pitching moment tend to oppose each other,
the lift developed by the tail would tend to be small. The
pressure distributions presented in Figure 17 for the tail when
the configuration is in trim for a wing angle of attack of 8.7
degrees, indicates that indeed the tail lift force is small.
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As the angle of attack of the wing is increased ,
Figure 16, the MAC of the tail surface will, with respect to
the free stream direction, be located such that its drag
force will create a nose down instead of a nose up pitching
moment about the wing MAC. For configuration 1-75-06B this
shift occurs at a wing angle of attack of 11.3 degrees. At
wing angles of attack of between 12 and 20 degrees the pitch-
ing moment of the wing does not increase very much due to the
formation of the leading edge vortex in this angle of attack
range (Figure 13). It would be anticipated therefore that the
tail angle of attack to maintain pitching moment trim in this
angle of attack range would therefore not have to be changed
significantly. The data presented in Figure 15 indicates that
the tail angle of attack with respect to the wing chord plane
does not change much although the tail geometric angle of
attack with respect to the free stream changes from approxi-
mately +3 degrees to +12. The only manner by which this could
be accomplished is that the induced effect  of the wing wake on
the tail surface is very strong and increases with every angle
of attack such that the tail surface has a small effective
negative angle of attack .

As the wing angle of attack is increased above 20
degrees, the wing nose down pitching moment increases and the
pi tching moment of the tail drag force increases the pitching
moment about the wing MAC. Since the lift of the tail must
be increased to counter the nose down pitching moment, the
induced drag of the tail increases and thus its effect on
the nose down pitching moment is also increased. Thus, as
the angle of attack of the wing increases, the drag moment
arm of the tail increases negatively and the moments generated
about the wing MAC by the tail lift and drag force tend to
offse t  each other. Since the l i f t  force increases more
rapidly than the drag force with increasing angle of attack ,
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trim balances can be obtained but the angle of attack of the
tail surface must undergo a larger change to maintain trim
than is required when the tail drag is generating a pitching

moment about the wing MAC in the same direction as the tail
lift force.

Comparison of the tail pressure distribution pre-
sented in Figure 18 with those presented in Figure 17 shows
that the tail surface is indeed, developing more lift at the
higher wing angles of attack.

When the strake is added to the leading edge, con-
figuration 2-75—068, the pitching moment characteristics are
different than the basic wing (Figure 14) but the average
tail effectiveness as a function of wing angle of attack is
not changed to any great degree (Figure 19). It is noted,
however, that the data presented in Figure 19 indicates there
is a noticeable variation in the tail effectiveness as a
function of angle of attack. This variation seems to corre-
late with the radical changes in the tail geometric trim
angle 

~~ 
with respect to the chordplane of the main wing. On

the basis of the analysis of the wing-tail pitching moment
characteristics of the basic wing configuration previous ly
presented and because the pitching moment of the wing strake
configuration in the angle of attack range 0 .

~~ ~~~~~~~~~ 

20

degrees is of the order of one half that of the basic wing,
it might be expected that the variation of the tail trim
angle might be similar , instead of radically different, for
both configurations. Inspection of the pressure distribution
for the wing strake - tail configuration shows why there is
a sufficient difference in the behavior of the tail trim angle
variation between the two configurations. Figure 20 presents
the pressure distribution on the tail surface when the wing
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tail configuration is in trim at 13.1 degrees. As can be noted

from the pressure distribution , while there is some net lift,
there is an obvious vortex interaction in the tail surface at
approximately the 70% span . It is believed that this reversal
of the pressure distribution in the tip region is caused by the
induced effect of the strake vortex crossing the tail around
65% of its semispan. It is apparent that the induced effect of
this vortex is sufficiently strong to reverse the angle of at-
tack in the tip region and thus change the sign of the lift
force developed by the tail in the region. This belief is

strengthened by the pressure distribution presented in Figure 21

which was obtained on the tail at an angle of attack 4 degrees
less than that presented in Figure 20. While the induced effect
of the strake vortex of the wing significantly reduces the lift
over the tip region of the tail, the lift over the entire span
is now all in the same direction. This type of change in the
pressure distributions due to a change in the tail angle of
attack is what might be expected.

At a wing angle of attack of 17.4 degrees, the pressure
distributions over the tail surface at the trim angle of attack
are basically the same as they were for a wing angle of attack
of 13.1 degrees. These pressure distributions, presented in
Figure 22, indicate that while the lift produced by the tail is
greater, the increased strength of the strake vortex from upstream
still causes a load reversal near the tip. However, under the
influence of leading edge vortex, the strake vortex moves out-
board and crosses the tail around 75% of its semispan.

As the angle of attack is decreased by 4 and then 8
degrees, Figures 23 and 24 respectively, the increased l i f t  of
the tail surface moves the lift reversal outward. This out-

ward shift of the lift reversal is what might be expected if
it is caused by the induced effect of a strong free vortex
such as that generated by the strake.
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At a wing angle of attack of 21.7 degrees, no evi-
dence of induced effects from a concentrated vortex could be
found in the pressure distributions over the tail. This can
be explained as follows. The strake vortex, under the influence
of strong leading edge vortex generated by the wing, moves
farther outboard and is located outboard of the tail tip.
Therefore, the reversal of the pressure distribution near the
tip, as was found at lower angles of attack, was not present.
This is also true for wing angle of attack of 30.3 degrees
where the strake vortex is swept further outboard into the

leading edge vortex due to its strong induced effect (Ref-
erence 2). As the wing angle of attack is increased above
21.7 degrees, a tail trim angle of attack trend similar to
that obtained with the basic wing is obtained except that the

maximum change in trim angle is only 5 degrees instead of

16 degrees as it was for configuration l-75—06B. This much

smaller tail trim angle variation is attributed to the fact,

that for the wing strake configuration at high angles of at-

tack , the pitching moment developed by the tail drag and lift
are working together to counter the wing pitching moment in-
stead of working against each other as they were for the basic
wing tail configuration .

It is interesting to note, that at a wing strake
angle of attack of 30.3 degrees, the tail is at a geometric
angle of attack of 27 degrees with respect to the airstream
when trim is obtained. Since the lift force developed by the
tail surface is relatively small as shown by the pressure
distributions presented in Figure 25, it indicates that the
flow angularity induced by the wing wake is of the order of
25 degrees which corresponds to a mean induced velocity from
the wing wake of 47 feet per second. It is obvious that this
significant induced velocity cannot be ignored when consider-
ing the design of a tail operating in the wake of a l if t ing
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surface generating strong leading edge and strake vortex

flows . In comparison , the wake induced effect was estimated
to be of the order of 17 feet per second for the basic wing
which is approximately 1/3 of the wing strake configuration.

The tail effectiveness data obtained for configura-

tion l-75—12B is presented in Figure 26. This data when com-
pared to the data presented in Figure 15 shows the effect of
moving the tail chordplane higher up from the wing chordplane.

It can be seen that the results are very similar for the two

configurations except that for Conf. 1—75-12B , there is a
sharp drop in the tail effectiveness as the wing angle is in-

creased from 25.6 degrees to 29.6 degrees. It is also noted
that the accompanying change in the tail trim angle is not as

large as it was for Conf. l-75—06B. It is believed that the

reason the tail trim angle does not vary as much as it did for
Conf. 1—75—068 in this angle of attack range, is that the angle
of attack at which the moment generated by the tail drag force
about the wing MAC opposes the moment due to tail lift (Fig. 16)
is approximately 23 degrees instead of approximately 11 degrees
as it was for Conf. l—75—06B. Therefore, the tail lift force
is much more effective for Conf. l—75—l2B to obtain trim than
it was for Conf. l—75—06B.

It is reasoned that the sharp drop in the tail ef-
fectiveness as the wing angle is increased from 26 to approxi-
mately 30 degrees is due to the induced effects of the diffused
leading edge vortex that separated from the wing. Comparison
of the pressure distributions presented for the tail surface at
trim for wing angles of attack of 25.6 and 29.6 degrees re-
spectively indicates that the induced effect of the wing wake
flow significantly reduced the lift over the outboard section
of the tail surface which would reduce the effectiveness of the
tail. Comparison of the tail effectiveness data presented in
Figure 29 for Conf. 2—75—l2B with that presented in Figure 19

shows the effect  of doubling the distance of the
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tail surface from the wing chordp lane for the wing strake
configuration. It can be seen from a comparison of this
data that while the tai l effectiveness has a slightly dif-
ferent trend, the trend of the tail geometric trim angle

with wing angle of attack is significantly different. It
is believed that this significantly different trend is due
to the different orientation of the wing wake with respect
to the tail plane. At 21.5 degrees wing angle of attack, the
small positive pitching moment generated by the wing (Figure 14)
is countered by the lift moment generated by the tail surface
and therefore the lift required to be generated by the tail
surface would be small. The pressure distribution presented
in Figure 30 tend to confirm this reasoning. As the wing

angle of attack is increased the sudden jump in the positive
pitching moment generated by the separation of the leading
edge vortex makes a demand for a much greater lift from the

tail surface. The pressure distributions presented in Fig-

ure 31 indicate , however , that the wing vortex system has
a strong induced effect on the tail at this location
and tends to destroy the effectiveness of the tail
surface thus requiring a significant angle of attack adjust-

ment.

The effect of moving the tail surface closer to the
wing trailing edge on the tail effectiveness for the wing and
wing strake configurations is shown in Figures 32 and 33, re-
spectively. When this data is compared to that obtained for
configurations l—75—06B and 2—75—068, respectively , it can
be seen that the results and the trend of the results with
the wing angle of attack are very similar. The pressure
distributions obtained for configuration 2-60—033 also exhibit
the same type of tail vortex interaction as shown for config-
uration 2-75-068 which also explains the rapidly varying angle
of attack, with wing angle for this configuration. It is

63



believed that the somewhat more consistent tail effectiveness

value obtained for these configurations can be related to the
stronger tail drag pitching moment component since the change
in the sign of this component occurs at the relatively small
wing angle of attack of approximately 7 degrees.

Figures 34 and 35 present the effect  of the tail
on the lift of the wing strake and the basic wing configura-
tions. It can be seen from the data presented that the effect
of adding the tail did not significantly effect the total
system l ift  of the wing strake confi guration. However, since
the tail lift required to obtain pitching moment trim was in
a direction opposite to the wing lift for the basic wing con-
figuration (l—60-03A), a significant reduction in the configu-

ration lift was obtained when the tail was added. While data
was not obtained for the wing strake configuration having
the tail closer to the wing trailing edge, it might be con—
jectured that since the pitching moment developed by the
wing is positive instead of negative, that the tail surface
might increase the lift of this configuration in trim flight.
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5.2. Theoretical - Experimental Correlation

The computer program that was developed was exer-
cised to predict the pressure distributions and the total
integrated lift for the basic wing at 13.1 and 21.6 degrees
angles of attack and for the wing strake configuration (Con-
figuration 3A) at angles of attack of 21.6 degrees and 27.7

degrees. For these cases, the experimental data against
which the predictive results compared is available in Ref-
erence 1. For most of the computations, the upper surface
of the wing was represented by 104 quadrilateral elemental
surfaces with thirteen control points along the chord at

each of eight spanwise stations. The lower surface was di-
vided into a total of 72 boxes with nine chordwise and eight
spanwise control points. The free vortices such as the
strake vortex, leading edge vortex, etc., were represented
by up to 30 segments . The effects of airfoil thickness and

curvature were accounted for in the present computations where
the chordwise slopes of the surface (dz/dx) were obtained
from the analytical expression describing the geometric char-

acteristics of NACA0006 airfoil. The effects of the spanwise

slope (dy/dx) were not included in the present computations .
For all computations the stall angle of the surf ace segments
was assumed to be 20 degrees.

The computations conducted on the basic wing configu-

ration determined the pressure distributions on the upper
and lower surfaces at the angle of attack 13.1 degrees. The
pressure distributions were calculated under the assumption
of fully attached flow and the weak leading edge vortex which
exists for this wing at this angle of attack was not included.
These computations were carried out to check the correctness
of the linear (potential flow) analysis. Some of the results
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of the computations are shown in Figure 36. As illustrated

in Figure 36, the results obtained indicate a good correla-
tion between theory and experiment except near the trailing
edge. This is believed due to the fact that the distance be-
tween the upper and lower surfaces near the trailing edge is
very small which results in numerical errors. Some degree of
success in eliminating this problem was achieved by altering
the wake representation near the trailing edge and by increas-
ing the number of control points in the same regions. At
high angles of attack, the flow near the trailing edge of
the upper surface is separated from the wing and, therefore,
numerical errors were not encountered when the computations

are carried out at high angles of attack. It should be noted
that the comparisons between the theory and experiment, pre-
sented in Figure 36 have been presented at an inboard station
(approximately at 15% span) where the influence of the weak
leading edge vortex is negligible. The leading edge vortex
at 13.1 degrees angle of attack is very weak and, therefore,
does not contribute significantly to the integrated lifting
characteristics of the wing. However, it can alter the local
pressure distributions at the outboard spanwise location.

On art integrated lift basis, the overall value of
the lif t coefficient CL that was predicted for this configu-

ration was 0.65 which compares very well with a measured

value of 0.68.

As the angle of attack is increased, the leading
edge vortex becomes more concentrated, and its suction effect
becomes more predominant. For the basic wing shown in Figure

2 at angle of attack 21.6 degrees the vortex geometry of the
leading edge vortex and tip vortex for a wing angle of actack

66



5. 2. Theoretical - Experimental Corre lation

The computer program that was developed was exer-

cised to predict the pressure distributions and the total

integrated lift for the basic wing at 13.1 and 21.6 degrees
angles of attack and for the wing strake configuration (Con-
figuration 3A) at angles of attack of 21.6 degrees and 27.7
degrees. For these cases, the experimental data against
which the predictive results compared is available in Ref-
erence 1. For most of the computations , the upper surface
of the wing was represented by 104 quadrilateral elemental

surfaces with thirteen control points along the chord at

each of eight spanwise stations. The lower surface was di-
vided into a total of 72 boxes with nine chordwise and eight
spanwise control points. The free vortices such as the

strake vortex, leading edge vortex, etc., were represented
by up to 30 segments. The effects of airfoil thickness and

curvature were accounted for in the present computations where
the chordwise slopes of the surface (dz/dx) were obtained
from the analytical expression describing the geometric char-
acteristics of NACA0006 airfoil. The effects of the spanwise
slope (dy/dx) were not included in the present computations .
For all computations the stall angle of the surface segments
was assumed to be 20 degrees.

The computations conducted on the basic wing configu-

ration determined the pressure distributions on the upper

and lower surfaces at the angle of attack 13.1 degrees. The
pressure distributions were calculated under the assumption

of fully attached flow and the weak leading edge vortex which
exists for this wing at this angle of attack was not included.
These computations were carried out to check the correctness
of the linear (potential flow) analysis. Some of the results
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of 21.6 degrees is shown in Figure 37. A comparison of the

measured and predicted surface pressure distributions are
presented in Figures 38a through 38d.

Comparing the measured and predicted spanwise pres-
sure distributions along constant chordlines in Figures 38a
through 38d, it can be seen that the spanwise variation of
the pressures are reasonably well predicted . In the region
of the strong vortex flows, however , the correlation is not
as good as is desired . These regions are on the upper sur-
face at points immediately inboard and outboard of the lead-
ing edge vortex where the pressures predicted are generally

less than the measured pressures . It is believed that there
are two reasons for the poor correlation in this region . The
first is that it is believed that the leading edge vortex
core size is more diffuse and larger than that which is pre-
dicted which tends to concentrate the vortex suction effect

over a narrower section of the span . The second reason for
the under-prediction of the surface pressures outboard of
the vortex is believed to be due to the somewhat approximate
and crude criterion which has been utilized for the prediction
of the location of flow separation . The present analysis
predicts that the flow outboard of the leading edge vortex
is separated at 21.6 degrees angle of attack due to the up-
wash induced by the vortex in this region of the wing. In

the region outboard of the vortex the flow is highly turbulent
and separation occurs in a much more gradual manner than that
predicted by the analysis. In addition to the above noted

limitation, it must be recognized that it is difficult to
predict the pressure coefficient in separated flow regions
due to the highly complex nature of the flows. In fact, a

rigorous viscous flow analysis using Navier-Stokes equations

is necessary to determine the pressure distribution in the
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in the separated flow regime. However for the present
purposes , an approximate but simple expression based on Ber-
noulli’s equation was used to determine the pressure distri-
bution. In the separated flow .region , the total pressure of
the flow is reduced due to viscosity. Denoting this reduction
by ~H, the pressure coefficient ~~~ in the separated flow

region can be expressed as

C .  = l — --~.— —~~ H (60 )
U 2

0

where V~ is the total velocity and U0 is the free stream
velocity. The discrete vortices in the flow (surface lattice

in the attached flow and free vortices from the leading and
trailing edges) were used to determine the induced velocities
in the separated flow . Using these induced velocities , the
pressure coefficient C~~ in the separated flow region was
therefore assumed to be

C .  ~~1— - - ~— (61)
~~1

0

where it was assumed that ~R is small. For the present
analytical formulation , the value of the pressure coefficient
C~ in separated flow is assumed to be equal to -cos2 ( c t — O ) .

Another region where the corre.Lation seems to be
poor is in the tip region of the wing. It is believed that

due to the presence of the tip or a secondary vortex this
region of the wing should be unstalled . Apparently, for the
present computations , the location and strength of the tip
vortex are not predicted to a significant degree of accuracy
which results in the overprediction of C~ in the tip region

on the upper surface (Figures 38a through 38d). On the lower
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surface the correlation between the predicted and measured
pressures is generally very good for most of the wing. Near
the tip, on the lower surface , however , the predicted pres-
sures are a bit higher than the measured values which is
believed due to the omission during the present computation
of one nonlinear term from the analytical expression of C~,

given by Equations (24) and (25). The contribution of the
spanwise gradient of doublets distribution dD/dY was con-

sidered to be negligible and was not included in the compu-

tations. This nonlinear term is definitely negligible
compared to the other terms in Equation (24) in the normal

angle of attack range . At high angles of attack , however ,
the doublet distribution indicates the value of 6D/dY is
significant on the lower surface in the tip region and
therefore this term should be included in the computations
of C~ in this region of the wing. Qualitatively, the results
of hand computations indicate a better correlation in the tip
region on the lower surface once this correction is applied
to the predicted results.

A comparison of the measured and predicted chord-

wise pressure distribution for the basic wing at an angle of
attack of 21.6 degrees, are presented in Figures 39a through
39c. As can be seen in the data presented, the theory pre-
dicts that the flow separates earlier over the upper surface

of the wing near the trailing edge than that which the experi-
ment indicates. At approximately 44% span, the theory also
predicts that the leading edge is stalled whereas the experi-
mental data indicates that the surface is not stalled in this

region. The possible reasons for the discrepancies between

the measured and predicted pressure distributions were dis-
cussed previously and are believed to be due to the under-

prediction of the core radius of the leading edge vortex
and the simplified separation criterion that is utilized in
the theory .
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Although the pressures predicted by the analysis
do not match the experimental data well in some regions , the
overall l ift  coefficient CL predicted by the program for this

configuration at an angle of attack of 21.6 degrees, is 1.03
which agrees well with the experimental values of 1.01. The
breakdown of predicted value of CL into its various compon-

ents indicates that 0.08 of the total CL is that due to non-

linear suction lift in the vicinity of vortices while 0.95
is due to potential l ift .  It is evident from the comparison
of the predicted and measured pressure distribution that for
this case, the program has slightly under-predicted the non-
linear suction lift and it has over-predicted the components
of the lift due to potential flow.

The predicted vortex geometry for wing-strake con-
figuration (3A) at an angle of attack equal to 21.6 degrees
is shown in Figure 40. Comparisons of the spanwise surface
pressure distributions predicted by the analysis and the
measured pressures for several constant chord lines are
shown in Figures 41a through 4ld. While overall, the pre-
dicted pressure distributions are generally closer to the
measured values than they were for the basic wing, the pre-
dicted pressures tend to be smaller than the measured

pressures outboard of the leading edge vortex on the upper
surface. This again is believed to be due to the under-
prediction of the core radius and the simplified separation
criteria. The overall computed lift coefficient CL for this
case is 1.03, of which 0.16 corresponds to nonlinear suction
lift due to vortices and 0.87 is due to potential flow. This
compares reasonably well with the experimental obtained value
of CL equal to 1.09. It is believed that the discrepancy is

due to the under prediction of CL component due to the vortex

suction pressures.
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As the angle of attack is increased to 27.7 degrees
for the wing-strake configuration , the strake vortex moves
further outboard over the wing surface and the leading edge
vortex moves slightly inboard. The predicted vortex geometry
is shown in Figure 42 for this configuration. A comparison
between the predicted and measured spanwise surface pressures
along several constant chord lines for this wing-strake con-
figuration at art angle of attack of 27.7 degrees are shown
in Figures 43a and 43b as with the previous configurations,
outboard of the leading edge vortex the predicted spanwise
pressure distributions indicate abrupt stalling whereas the
measured distributions indicate a gradual transition into the
stalled portions of the wing.

The peak vortex suction pressures in the vicinity
of the strake vortex are somewhat lower than the measured
values. Apparently, this is because some of the characteris-
tics of the strake vortex at this angle of attack are incor-
rectly predicted. The difficulty in predicting the vortex
characteristic partly is due to the fact that the strake
vortex originated from a sharp edge of a delta shaped plate
while the present program assumes all the vortices to have
been formed from smooth edges. It is believed that a better
estimation of some of the characteristics of the strake vortex
such as the initial value of viscous core radius, etc., will

result in improved correlations. At this angle of attack , the
total predicted lift coefficient is 1.18, with 0.96 being due
to potential flow and 0.22 due to the nonlinear suction in the
vicinity of the vortices. The experimental value of CL at

this angle of attack is 1.32. The analysis of the results for
this case indicates that the lift component corresponding to
nonlinear suction lift in the vicinity of vortices must have
been significantly under—predicted.
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CONCLUSIONS AND RECOMMENDATIONS

On the basis of the experimental and theoretical
research reported in this report, it is generally concluded
that the test data demonstrated that an aircraft configura-
tion can be stabilized with a nominal size tail surface
operating in the vortex wake of the main lifting surface.
In addition) it was concluded that the improved theoretical
prediction technique developed, while not yielding perfect

correlation with the measured surface pressure distributions ,
is sufficiently accurate to be used as a design tool to in-
vestigate the effects of attached vortex flows on the aero-
dynamic characteristics of wings having arbitrary planforms
and operating at high angles of attack.

In addition to the above general conclusions, the
following specific conclusions were also formulated.

(1) The trim angle of the tail surface relative to the
chord plane of wing varied differently with wing angle of
attack for the basic wing and the basic wing with the root
leading edge strake.

(2) When the concentrated strake vortex from the
main wing intersected the tail plane, large angle changes of
the tail were required to maintain system trim.

(3) Even though the characteristics of the wing wake
were changing significantly as its angle of attack was changed
in the range of 0 < 30 degrees, the tail effectiveness ,

(dCm/dat), remained relatively constant.

(4) Even though the tail surface could have a geometric
angle with respect to the free stream of 24 degrees, it is
estimated, on the basis of the tail pressure distributions,
that because of the strong induced effect of the wing wake
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that the aerodynamic angle of attack of the tail surface never

exceeded 10 degrees at trim.
(5) On the basis of conclusions (3) and (4) it is be-

lieved that the total dynamic pressure at the leading edge
of the tail surface remained relatively constant over the
entire angle of attack range of the wing.

(6) Depending on the longitudinal and vertical location
of the tail surface relative to the wing MAC, the drag of the
tail surface can have a significant effect on the pitching
moment about the wing MAC.

(7) For the basic wing configuration having a nose
down pitching moment, the tail lift required for system trim
tended to reduce the lift from the value developed by the
wing alone. This reduction became more significant as the
longitudinal distance between the wing and tail MAC ’s was
reduced.

(8) While the expanded theoretical prediction tech-
nique did not necessarily result in an improved correlation
with the measured pressure distribution it did result in a
program in which the basic mechanisms of the flow can be
studied and analyzed independently .

(9) The major limitations of the theory lies in the
prediction of the effect of the turbulent transition to

th~ separated flow in the presence of a viscous vortex.
(10) It is believed that the prediction of the pres-

sure distributions, particularly in the region of turbulent
transition, will be improved by the better estimation of
empirical parameters that will result from the extensive
use of the program.

On the basis of the above conclusions , it is
recommended that the theoretical prediction program be
extensively utilized to predict the pressure distributions
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of the lifting surfaces tested under this contract as well as

for other configurations of general interest and for which
pressure data is available. In addition, it is recommended
that the prediction program be streamlined, documented and
then made available to other interested organizations to
utilize as a design tool.
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TABLE I
.5 

TAIL PRESSURE TAPS - DESIGNATION , LOCATION

S panw ~ SE
Station Rightside (Looking Upstream Leftside (Looking Upstream)
—Percent Chordwise Station - % C Chordwise Station - % C
of Span ~~ T~ 71 ~~ ~~ ~~~~~~~~~ 65 T 17 2~ 35 ~~~ 55 ~~~

16 307 314 321 328 335 342 349 356 363 370 377 384 391 398

28 306 313 320 327 334 34] 348 355 362 369 376 383 390 397

40 305 312 319 326 333 340 347 354 361 368 375 382 389 396

52 304 311 318 325 332 339 346 353 360 367 374 381 385 395

64 303 310 317 324 331 338 345 352 359 366 373 380 387 394

76 302 309 316 323 330 337 344 35] 358 365 372 379 386 393

88 30]. 308 315 322 329 336 343 350 357 364 371 378 385 392
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TABLE II
SUMMARY OF TEST CONFIGURATIONS

Longitu- Horizontal
dm a]. (Lateral)

Con figu— Separa- Separation
Run ration tion In Tenths
N um— Designa— L Of Tail Description of the
ber tion In Inches Root Chord Configuration

Basic wing with a leading
1 1—75—00—A 75 0 edge snag

Basic wing with a leading
2 1-75—00—A 75 0 edge snag

Basic wing with a leading
3 1—60—03—A 60 3 edge snag

Basic wing with a leading
4 1—60—09—A 60 9 edge snag

Basic wing with a leading
5 2-75—12—A 75 12 edge snag + a root strake

Basic wing with a leading
6 2-75-06—A 75 6 edge snag + a root strake

Basic wing with a leading
7 2—75—00—A 75 0 edge snag + a root strake

Basic wing with a leading
edge snag + a root strake

8 2—75—12—B 75 12 + tail
Basic wing with a leading
edge snag + a root strake

9 2—75—12—B 75 12 + tail
Basic wing with a leading
edge snag + a root strake

10 2—75—12—B 75 12 + tail
Basic wing with a leading
edge snag + a root strake

11 2—75— 06—B 75 6 + tail
Basic wing with a leading

12 1—75—06—B 75 6 edge snag + tail
Basic wing with a leading

13 1—75—12—B 75 12 edge snag + tail
Basic wing with a leading

14 1—60—03—B 60 3 edge snag + tail
Basic wing with a leading
edge snag + a root strake

15 2—60—03—B 60 3 + tail
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