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ABSTRACT

An approximate method for the determination of tunnel wa ll interference on

two-dimensiona l n o n- l i f t i n g  s u p e r c r i tic a l  a i r f o i l s  is p rescn tci .  The method

assumes classical linearized subsonic interference theory appli ed to an air-

foil whose thickness is inc reased so as to match the far field transonic ve l-

ocity potential. The interference potential at the wing trailing edge is

taken as the parameter controlling the shock location on the a i rfoil. Sample

computations of circu lar arc airfoils in tunnels with solid , porous and

slotted walls are shown to adequately predict the shock d splacem ent produced

by the wall constraints. Also presented is a numerical anal ysis , based on a

shock fitting techni que , for the detern-iinat ion of exact shape and location of

imbedded shocks. With the analysis and accompany ing numerica l code some

results are provided to show the sensitivity of back pressure perturbations on

shock location .

• I

-. ~~~~~~~~~~ - • .~~~
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SECTIO N I
INTRODUCTIO N

Since the early 1970 ’s , with the development of the numerica l computation tech-

niques init iated by Murman and Coles 1
, it has been possible to stud y numerically

the transonic flow field around more and more complex confi gurations in free-

air as well as within the confinements of wind tunnels. At the same time , a

method for assessing the presence and leve l of wall interference in transociic

tests , and for eliminating this interference by an adjustment of wall conditions ,

was suggested by Fern and Baronti 2 
and by Sears 3. More recently, Kemp has

introduced the concept of “correctab le” interfe rence , for the direct determin-

ation of transonic tunnel corrections. Thus , by a combination of anal yses and

testing techniques , it would appear that significant advances can be expected

in developing means for recognizing, measuring and possibly eliminating tran-

sonic tunnel interference .

Althoug h some prog ress in wall correction techniques has been reported , notice-

ably in the experiments performed at Calspan 5, the procedure based on “adaptive ”

or “self-correcting ” walls appears rather complex and difficult to implement.

On the other hand , systematic numerical computations of flow fields around aero-

dynamic configurations in free-air and in tunnels can indicate the presence

of interference . The computations are , howeve r , lengthy, and do not directl y

yield the level of wall interference and tunnel corrections as in classical

subsonic interfe rence theory . The direct determination of wall ir~ erfe rence

and tunnel corrections for transonic condit ions (subcritica l as well as super-

critical) would be , on the other hand , very useful as recognized and pursued

analytically in the work performed by Lo and Kraft
6’~~’

8 at AEDC , and in the

work perfo rmed by Kemp4, which comb i nes numerical computations wit h wind tunnel

• pressure measurements at the wall and at the mode l to infer tunne l corrections .

An approach wh i ch contains some of the concepts developed by Kraft and 10, and

wh i ch intends to provide a direct dete rmination of tunnel interfe rence by a

combinat ion of approx i mate analyt ica l methods and tunne l measurements , has been

the subject of an investi gation at GASL and is reported he re . The method is

base d on the observa t ion tha t for cer tain w ing prof i les such as c ir cu lar arc
airfoils at zero angle of attack , the wall interference is mos tly manifested by

_ _ _ _ _ _ _ _ _ _ _ _ _ _ _
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a shift of the shock positio n , with minor alteration of the wing  pressure distri-

bution upstream and downstream of the shock , and by a corresponding variation ,

with respect to free-air conditions , of the potential at the wing trailing edge.

This variation can be calcul ated wi th reasonable accuracy by a standard sub-

sonic interference method , based on the Prandt l-Giau crt scaling rule and applied

to a thicker wing profi le wh i ch satisfies the far field transonic velocity poten-

tial. The method is applied to circular arc profiles at zero angle of attack

in tunn els w ith solid , porous and slotted walls and is shown to provide , in a

first approximation , a good indication of wall effect on shock position.

In a pa rallel effort , also described in this report , an attempt has been made

to assess th’~ effects of back pressure on pressure distribution and shock loca-

tion on an air foil. The effects of back pressure and/o r axial pressure grad-

ients on mode l characteristics , in particular on shock location , have been rec-

ognize d repeate dly, for instance in connection with the boattai l drag of axi-

symmetric models.9 Similarly, back pressure effects we re held responsbi le for

the displaceme nt of shock location on circular arc airfoils from expected free

flight conditions , in a series of experiments conducted in a joint effort

between GASL and WPAFB 1
10 ’11 

. The determ ination of the effects of small back

pressure perturbations on shock location does , howeve r , require the availabil-

ity of an accurate procedure for locating the shock. In this respect , an

analys:s (and a special computer code) which employs a shock fitting techn ique

and which satis fies exactly the transonic Rank ine-Hugoniot shock jump relation ,

has been developed to determine the exact shape and location of an embedded

shock.

The analysis is an extension of concepts previously developed by Mu rman 12 and

by Hafez and Cheng
13 . More refinement is howeve r obtained with the present

procedure . With the shock point ope rator of Murman the shock is smeared ove r

• several grid points; with the shock fitting technique of Hafez and Cheng the

shock jump relations are applied between two contiguous points , and the exact

shock loca tion is not provided. The present code , howeve r , determines the

exact position of the shock between nei ghboring grid points and , thus a l lows

for a more precise eva l uation of the effects of small externa l perturbation on

shock loca t ion , even in the case of relatively course grid networks . A discus

—2-
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sion of the analysis and of the numerical al gorithm , and sample computations
showing the effect of back pressur e on shock location , are present ed in a
following section.

I

-3- 
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SECTIO N II
APPRO X I MATE ANA LY S IS OF WALL INTE R FERE NC E

EFFECTS ON SHOC K_LOCATION

Basic Considerations

The proposed procedure for i n fe r r i ng  the e f f e c t s  of w a l l  i n te r fe rence  on

shock location is based on a number of sequential steps each of wh i ch may con-

tain certain physical assumptions and mathematica l approx i mations. Each step

is now discussed in a sequential manner.

I. A basic assumption underly ing the procedure is that , in ce r t a i n

transonic tests of non -lifting, two-dimensional airfoils , wall interference w i l l

main ly  change the p o s i t i o n  of the shock and onl y sli eli t l y the distribution

of pressure upstream and downstream of the shock. Such a situation is typified

by the resu l t  of Fi gure (1), taken from the exper iments  of Reference ( 1 1 4 ) , wh i ch

show the pressure distribution over an airfoil in a tunnel with slotted w al ls.

The data along curve (a) arc considered i n t e r f e r e n c e- f r e e  (smal l  model with

respect to tunnel dimensions), whereas the data of curve (b) are affected by

wall interfe rence wi th a consequent upstream shift of the shock.

2. The second stc~p of the procedure is to postulate that the shock

pos i t i on  on the a i r f o i l  is known and that the pressure distribution , before and

aft the shock , can be either computed by an approximate analytical method

(the method of Spreiter and A lLsne 15 
~or both the accelerating and decelerating

portions of the flo.i has been used in the computations performed here for

circular arc airfoils), or that this pressure distribution is the one directly

measured in an experiment. (The fact that experimental results may contain

wal l interfe rence does not detract from the overall log ic of the procedure.)

Then , by i n t e g r a t i o n  of the pressure over the airfoil forseveral shock

locations , a uni que functional relationship between the shock location , x ,

and the difference of the perturbation velocity potential , 
~~~~~~~~~~ 

between

leading and trailing edge can be established for any g iven Mach number and

airfoil geometry . This relationship is held to be true for both unconfined

and confined flois .

~Further qualifications to this statement will be provided below .

— ‘4- 
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FIGURE 1. PRESSURE DISTR IBUTION OVER A 6% CIRCULAR ARC AIRFOIL IN A
SLOTTED TUNNEL. EXPERI MENTAL DATA FROM REFERENCE (14).
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3. The next step is to c a l c u l a t e  the t ra nso r i i c  far field potential from

the known pressure d i s t r i b u t i o n  ove r the airfoil. As has been established in

Reference (1), the far field potential of a non—lifti n g airfoil is

$(x,y) ~~~ D 
2~~2 2  (1)

whe re the doublet strength

D 2j F(~ )d~ + 

~ff u
2

d~ d~ (2)

consists of a term proportiona l to the airfoil vo l ume and of a double integra l

containing the nonlinear contribution of the flow fi eld kinetic energy .

The pOte n t i al given by Equation (1) has the standard form corresponding to a

doublet w ith Prand tl- G4 aue rt scaling. Thus , once the va l ue of the double inte-

gra l is determined , a corresponding bod y, having a “similar ” shape F (~), can

be defined to y ield the same doublet strength

D = 2 f F~~~)d~ (3)

The new body, which evidentl y has a greate r vo l ume than the ori ginal one , will

be subsequently used to determine wall interference . Before doing so, a

representa t ion  of the v e l o c i t y  in the flow field around the airfoil must be

provided in orde r to compute the double integral.

4. Since the early, approximate , analytical methods based on the Green

theorem , such as the method of developed by Spreiter and A lksne 16
, rat ional

representations of the m Id field veloc i ty, u, have been suggested. Among

-6-
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these is the approximatio n used by Kraft 7 in his integral method ,i .c.,

-y/ru(x ,y) = u (x,O) e , (4)

relating the mid field velocity to the velocity on the airfoil , with the

parameter r(x) satisf ying the irr ota t io n a li ty condition on the airfoil and

g iven by

r(x) - 
u(x ,O) ( 5)
(~u/By)~~ 0

The approximation implies that u is equal to 7ero in the regions upstream of

the leading edge and downstream of the trailing edge. Also , it cannot be

correct for negative r , since it would impl y an cxpotent al increase of the

perturb ation velocity from the airfoil outwards ; howeve r , by taking in

Equation (Zr) the absolute va l ue of r , for regions where r<O , t he prope r decay

can be recove red. These inaccuracies are recognized as conceptual l i m i t a t i o n s

ofthe approximation . The errors that app l i ca t i on  of Equat ion (Zr )  may produce

in the present context is howeve r thought to be acceptable and such as to not

i nvalida te the solution procedure .

5. With the new airfoil of shape F’ (~ ), satisf y ing Equation (3), sub-
sonic linear interfe rence , with Prandt i—G lau ert scaling, is now invoked.

The new (thicker) airfoil is assumed to be placed in a wind tunnel with either

solid or ventilated w alls (porous and slotted of infinite length) , and the

perturbation 
~~~~~~~~~~~~ 

produced by the wall constraints is calculated.

(Details of the calculation for non- lifting airfoils are given in the Appendix.)

Th i s val ue of A~’ is then added li neari l y to the value t~.$ determineed in Step 1 ,

and from the relationship relating x
5 

to 
~~~~ 

the new position of the shock

is determined.

The procedure can be utilized in a direct manner to determine the expected

shift in shock position when placing an airfoil in a wind tunnel. More rewarding,

—7- 
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howeve r , is the appl i cat i n of the procedure to wind tunnel airfoil data

Inoe~~ , by the experimentally determined pressure distribution on the airfoil

it will be possible , by following the steps indicated above , to determine the

value of t~~’ induced by the tunne l wa l l  constraints and then the amoun t of

shock displacement caused by the wall interfe rence .

Application to a Circular Arc Airfoil

The pres~.ure distribution ove r a circ ular arc airfoil unde r sup e rcr itica l flow

conditions is obtained by applying the local linearization method of Sp r e i t.er

and A l ksn~
15 . For an assume d shock position , the pressure distribution in front

and behind the shock is obtained by app l ying the accelerating and decelerating

solution , respectively. Accelerating and decelerating solutions are match ed

at the shock by assuming that the shock is norma l and by satisf ying the norma l

shock j u m p  re lations. Shown in Figure (2) is a comparison between a n umerical

solutio n and the Spre i tcr-Alksne solution (with the shock position taken to

be the one obtained with the numeric al computation) . The Spreitcr -Alks ne solu-

tion is then used to det crmin e ,in function of free-stream Mach number , the

di fference in potentia l , t~~, between leading and trai l i n g  edge in terms of

shock locations x .  Typical results , for representative free-stream Mach numbers ,

are plotted in Fi gure (3).

The next step of the procedure is to compute the far field potential , Equations

(I and 2). !or a circular arc airfoil of thickness t , the mid field velocity ,

Equations (Zr and 5), can be written as

-Zrry /Iu• u = u 0 e o ,

where u = _r.
~/?. As shown in Fi gure (lr ,a), this approximation reproduces very

accurately the n umerical results ove r the port ion of the wing with negative c
i,
.

In the reg ions near the airfoil nose and behind the shock , whe e c~ is positive ,

the approximation is s t i l l  acceptable , as shown in Figure (Zr , ~~~, when the abso-

lute va l ue of u
0 is taken. The strength of the doublet D is then provided by

*Numcrjcal solutions have been obtained with the GAS L trarisonic program , wh i ch
includes the shock fitting technique discussed in Section I I I .

-8-
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F IGURE 2. PRESSURE DISTRIBUT I ON OVER A CiRCULAR ARC AIRFO 1L.
• COMPARISON BENEEN A NUMERICAL SOLUTION AND THE

SOLUT I ON OF SPRE I TER AND ALKSNE , REFERENCE (15).
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FIGURE 3. DIFFERENCE OF POTENTIAL BETWEEN TRAILING AND LEADING EDGE
OF A CIRCULAR ARC AIRFOIL AS FUNCTION OF SHOCK LOCATION
AND MACH NUMBER.
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the r ._ lations h ip

0 = 2 f 112 2 T (lIZr -x
2
) dx + 

(~+l~r u 2 
e Ty/1u 01 dydx

00

T ‘ri- I (

~~~ 
J 

I u~I
3 dx .

The eva l uation of the integral is perfo rmed numer ica l ly  and the value, of 0

determ ined . The strength of the doublet is now taken to correspon d to that of

a new c i r cu l a r  arc airfoil of thickness -r for which

2T~
’

0
3

Hence , the new airfoil thickness is prov i ded by the expression

• 1/2

* 3~~~
(+l ( 3

~~ 
~

— 

/ ~
U

0~ 
dx .

The airfoil of thickness r~ satisfies the far field potential. It Is , however ,

• of interest to compare with the numerica l results the norma l ve l ocity pertur-

ba t ion induced a t close r distances from the airfoil (in correspondence to possible

loca tions of tunnel walls) by an airfoil of thickness r*. Such a comparison

• is shown in Figure (5) for a cir cular arc airfoil wh i ch has an original thickness

of 6% and which , w ith the inclusion of the nonlinear effects embodied by the
*double integra l , has a thickness t = 0 . 13 .  The analytica l results with

r 0.l3 are , necessarily, antisymmetric with respect to the airfoil center

(x=O posit ion) in contrast to the actual phys cal situation reflected by the

— 1 3 —
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numerical results. The leve l of the perturbation is , howeve r , in reasonable

agreement w ith the numerica l results and much closer to these than the analytical

result based on the va l ue of T O.06.

it remains now to determine the interference potential produced by the wail

constraints. Seve ra l computations have been performed parametrically in

terms of free—stream Mach number and tunnel height for tunnels wi th solid ,

porous and slotted wa lls. For a porous or solid wal l , the interference poten-

tial is provided by Equation (A ,8) of the Appendix; for a slotted waIl by

Equation (A,l3) . For circular arc airfoils the integrals of Equations (A,9),

(A,lO) and (A,lZr ) can be calcu lated in closed form . The integrals (in the

variable p) in (A,8) and (A ,13) have been , on the other hand , computed nume r-

ically. Once the diffe rence of the interfe rence potential between airfoil

trailing edge and leading edge is computed , i.e . 
~~~~~~TE~~’ LE , 

the differ-

ence is added to the va l ue of i~~ pertaining to the original shock location x ,

and the new shock location is then determined from Figure (3).

Shown in Figure (6) is the effect of a solid wall on shock location for a 6%

thick circular arc airfoil at M O .9l in a tunnel of height t~iice the airfoil

chord , i.e ., h/c=2. (the free air results , taken as a reference , arc those

given by Kraft 7.) Also shown in the figure , for comparison , are the results

• obtained by Kraft 7 by the integral equation method based on the solution of

the transonic small disturbance equation. Reasonable agreement between the

present results and those of Kraft can be observed. Shown in Figure (7) are

• typical results pertaining to the same airfoil in a tunnel with porous wails

for the two va l ues of TE1/R=L4 and 10. Good agreement with the results of

• Kraf t7 can again be observed. Finally, the results given in Figure (8) refer

to the same airfoil in a slotted tunnel with h/c=l .5 and 2.00 and with a slot

parame ter K=O.5. As indicated in Reference (lL r), a value of K 0.5 corresponds

to the slotted tunnel of the Flight Dynamics Laboratory , Wri ght—Patterson air

Force Base , the facility from wh i ch the experimental da ta presented previous l y

in Fi gure (1) were taken . Thus , the results of Figure (8), when ref erred to
the experimental data of Fi gure (1), seem to provide again a reasonable pre-

dic tion of shock d isp lacement  (upstream displacement in this particular case)

• unde r the effect of wall interference.

• -15-
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The v a l i d i t y  and c x t c n s io n  of the method to other config u ratio ns depends evident-

ly on the v a l i d i t y  and gener a lity of the assumptions that have been introduced.

One assumpt ion is that wall interfe rence does no t much change the pressure
di St  ri but i n ups t ream of the shock. The resul ts of Figure (9) , taken fro: .

Reference (7) , wh i ch show typicall y the effects of a solid c.’~ l l on the pressure

d i s t r i b u t i o n  ove r a tJACA 12 a i r f o i l , sec- rn to indic a te that the assump t ion has

not a general validity and that the w a ll interference on the pressure distri-

bution is confiqur at ion dependent. Howeve r, even nader the con dit ions of the

figure , it seems that the major effect of wall interference is the shif t of

the shock and , thus , that the procedure can be perhaps invoked for an assess-

ment of first orde r corr ecti on s for gener al non-l i f t ing airfo ils.

I

1

-19-
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SECTION III

SHOCK F ITT IN G T EC HN IOUE AND DETERtIINA T I ON O F BAC K

PRESSURE E F FECT S ON SHOCK LOCATION

Backg round

During the past several  years , d i f f e rence  formulas have been successful l y era-

ployed to numerically approximate the different i al equations governing a tran-

sonic flow field. Successive line overre laxation (SLOR) is a reliable and

efficient procedure to solve the resulting set of simult aneous , algebraic

equations , and computer codes using such relaxation schemes have been devel-

oped to treat the transonic small disturbance equation . If the flow is super-

critical these codes make no distinction for grid points in the vicinity of the

shock but rather allow the shock wave to naturally develop in the course of the

iteration procedure as a discontinuity smeared over a few mesh points. Results

w i th embedded shocks do , how eve r , in di c a t e  a shoc k p r e s s u r e  r ise on the s u r f ace

c o n s i s t e n t l y  less  than the t h e o r e t i c a l  va lue .

Murrnan 12 attempted to resolve the discrepancy by the introduction of a shock

po int operator .  At a superson ic -subson ic  t r a n s i t i o n , the x d i f f e rence  operato r

at the f i r s t  subsonic point  downstrea m of the shock is rep laced by t he sum of

the x-differences for the elli ptic and hyp erbo lic operators . Murrnan then

demonstrated that the correct norma l shock jump condition occurs ove r three

mesh intervals. For the case of an infinite oblique shock , the shock point

operator can reproduce the correct shock jump condition at upstream and down-

stream flow positions which are severa l grid points removed from the shock

position (under the stipulation that the oblique shock passes throug h two grid

points , i.e., (dx/d4..~x/N..y , where N is an integer , or Ax ,~ y arbitrary in the

l imiting case of an infinitesimally refined grid network) .

The shortcomings of Murman ’s shock point ope rator are discussed by Hafez and

Cheng 13 , viz. (1) the requirement that grid arrangement be such that

Ax/Ay ’N(dx/dy) is not readily obtainable for an arbitrary grid , (2) the dis-

continuity in 
~ 

across the shock is computed in a manner that will , in most

cases , underestimate 
~ 

on the upstream side of the shock and (3) the correct

supersonic-subsonic  transition cannot be accomplished in a sing le jump but

requires a few grid points.

— 21—
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Hafez and Chcrig 13 suggested an improved shock fitting technique , wh ich satisfies

the Ranki ne-Il ugoni ot condition and which defines more exactly the shock posit ion

even with coarser gr ids . The shock fitting procedure modifies the differenc e

e~ uat ion s main ly  in the t re a tns ~nt of g r i d  po in ts  near the shock. The ori g ina l

diffe rence equation is replaced by the difference form of the jump relations

at the point on each horizontal line nearest to the shock on the downstream

side , and backward e x t r a p o l a t i o n  is  used to eva luate the po ten t ia l  at the near-

~,st gr id p oint along each vertical on the upstream side . For a plane .norrna l

shock , the above shock fitting procedure collapses to Murman ’s shock operator

formu lation. In general , howeve r , the two procedures do not agree because of

the di fference n wh i ch the jump in transverse velocity 
~ 

is computed.

The shock fitting procedure of Hafe z and Cheng does , however , appl y to the shock

jump conditions between neighboring grid points rather than at the actual shock

position . It is the present intent to further refine the shock fitting tech-

nique , removing this discrep ancy by calculating the shock position within the

iteration procedure as a discrete discontinuity across wh i ch the transonic

approx imat ion of the Rankine -Rugon iot conditions apply.

Formulation

The transonic small distu rbance approximations of the Rankin e-Flugoniot condi-

tions are

<
~~ 

>2

- (lM
~
2
) + +

~ ~ 
= 

2 
(6 ,a)

1 2 < 4 >
x

_ _ _  
d

= - ( .
~~~~) (6 ,b)

where < > si gnifies the jump , and the subscripts I and 2 represent the upstream

and downstream side of the shock , respectively. The first equation is the tran-

sonic shock polar and the second equation expresses the continuity of tangential

velocity across the shock. The latter condition can be i mmediatel y satisfied

by requ iring the potential to be continuous across the shock . The line re l ax-

-22-
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at ion procedure to wh ich the shock f i t t i n g  method w i l l  be app l ied  is that

of Murman H ,12 The derivation of the shock fit t i n g  procedure closely resembles

that of Hafez and Cheng 13 .

For a supersonic -subsonic  shock trans i t i on , the modifica tions in the differ-

ence equations ar~ found mainly in the treatment of the grid points on each

horizontal line nearest to the shoc.k on the downstream side , and of the nea r-

est grid point along each vertical across the shock. These points , labelled

P and Q, respect ively, are show n in Figure (10). Th ree types o local shock

inclination indicat e d in Fi gure (10) must be distinguished in treating point P.

By exam ining the elliptic/hyperbolic nature of the grid points about P the

type of local shock m d  inat on is determined. The shock inclination having

been cl a ssi fied as type (a), (b) or (c) , its position , ~ priori known to lie

within the interval P P , is calculated by the follo:i ing procedure . The

interva l P P is subdivided into ti - i equally spaced intervals as shown typ ically

in (b) of Fi gure (10) where P , n 1 , ~~, 3 . . - , N is a general point

within P P. Assuming the point P to correspond to the shock position , va l ues

of the poten ti al and of the x-ve locity conponent at the upstream side of the

shock , 
~~~~ 

and (u
1
)~ , respectively, are obtained by forward extrapola-

tion from up~ trcam gr id ~oir 1ts . Continuity of the potential across the shock

yields the potential (~2
)~ on the downstream side of the shock , whereas

Equation (6,a) yields the ax-velocity component , (u
2
)~ on the downstream

side of the shock . The first orde i Taylor expansion n about the downstream

side of the shock

= 
~(x~~.’~’~) + (

~~~~~ , 
(x~-x~~) (7)

supplies a potential at P, denoted by 
~~

. The error function

E(x~ ) = - 4 p~~ where 4~
(~~~) is the potential at P at the previous

lter:tion , is formed and the position , x~ x , in the interva l P P , where

the error funct io r~ is zero , is id ent ified °as the shock location .

To compute the RHS of Equation (6,a), values obtained at the previous i t e ra t i on
step are used , wi th the ~ ‘5 and the 4 ‘ 5 eva l uated by centra l differences at
A and B , and D and C , resp~ct ive ly, in 

y 
the manner shown in (a), (b) and (c)

of Fi gure (10) .
—23-
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The diffe rence scheme at P is w r i t t e n  so as not to cross the shock when

approximating de rivative s by finite diffe rences. The original difference

equation for the upstream point Q must also be redefined in cases (a) and (h),

because one of the f i ve  points  in the backward hyperbol ic  operator l i es  on

the other side . of the shock. The needed data are a u p pl i e d  by fo rward

(downstream) extrapolation to P from three upstream points.

For a supercritica l flow the el l i ptic and hyperbolic reg ions , identified by

11 - N 
2 

- (y+l)M 
2
~ 1< 0 hyperbolic

00 00 xj> 0 el l i p t i c ,

are separated by a sonic boundary and by a shock. For flows accelerating

through a sonic boundary the differenc e form of the equations of the orig inal

relaxation scheme is retained. For flows decelerating throug h a shock , however ,

the dif fe rence equations of the orig inal scheme are replaced by the difference

formulation described above . Following Re ference (13), to distinguish the

shock from the sonic line , 
~ 

is required to decrease by a prescribed

fraction of the grid size in a supersonic -subsonic transition .

I

Numerica l Results

The present shock fitting procedure has been investi gated intensively and

numerical r e s u l t s  have been compared with those obta i ned by applying the method

of Hafez and Cheng .~
’(A numerical code based on the anal ysis of Hafez and Cheng

has also been constructed to allow direct comparison of the two methods.) A

typ i ca l comparison is provided by Figure (II) which shows the pressure

distribution ove r a 6~ thick circular arc airfoil at N = 0.87. The grid

network consists of 141 x 20 points. The two sets of results are those obtained

after 1200 relaxation steps. Shown in Fi gure (12) is the algorithm prov iding

the shock location within two neighboring points. Plotted in the figure is

the error function E(ç )for two points above a 6~ thick circular arc airfoil

~The potentials at P , P and S are used to form the difference approx i mations
of th” x-der ivat ive~ , whereas central differences at r (for shock inclination
types (a) and (b) of ri g.J re ( t o ) )  or at P (for shock inclination type (c) of
Fi gure (10) ) are used to approxima te the y - d e r i va t i ves .
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at N = 0.914. The shock location is identified by the va l ues of 
~ 

for which

E(~~) = 0. (
~ is the s t re tched  x -coord ina te  in the computat iona l space . )

S y s t e m a t i c  ca l cu la t i ons  have then been performed with the program to ascertain

the effects of back pressure on a irfoil characteristics and , in p a r t i c u l a r ,

on shock locat ion.  The rep resen ta t i ve  ca l cu la t ions reported here consider

a 6~� thick circular arc airfoil at H = 0.9 1 and assume several constant v a lues

(different for the free fligh t va l ues) of the pressure along the norma l

directio n at a station approximatel y one chord downstream of the airfoil.

Unperturbed potential , ~ = 0, has been assumed to prevail at upstream infinity

and at an infinite distance above the airfoil. Clearly indicated in Figure

(13) arc a forward shif t of the shock for va l ues of back pressure larger than

the free-air valu es and a shift toward the wing t r a i l i n g  ed ge for va lues of

C smaller than free-air va l ues. The effect of back pressure is also felt
p

in the region above the airfoil as shown in Figures (14) and (15) , which

present pressure distributions and flow deflection ang les along a line at a

di stdncc of y/c = 1.58 above the airfoil S However , the pressure distri-

butions on the airfoil upstream of the shock is only slightly perturbed w i th

respect to the free-air value .

S

As indicated by the result of Fi gure (13), the shift in shock location with

a perturbation of back pressure , provides the major contribution to the

variation of the potential at the wi 19 trailing edge. The availability of

approximate analyses , such as the one described in the previous section , to

account for back pressure effects (or similar perturbations from free-air

va l ues downstream of a model) by a corresponding variation of trailing edge

potential would then , again , be ve ry useful.
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SECTIO N I V
CO NCL(J S I OUS

In transonic testing it would be useful to possess the capabili t y of correcting

the tunnel data in the same fashion followed in subsoni c te ’-.ting. Attempt s are

now being made to develop capabilities that permi t one to qu antif y transonic

wa ll interference ; the concept of correctable interfe rence , which  combines

tunnel measurem ents with numerica l analyses , is an attempt in this direct ion .

The method suggested here is  an even s i m p l e r  procedure for an a pprox i i I c~~c deter-
m ina t ion  of tunnel interfe rence . Based on the observat ion  that a n or mani-
festation of wal l interfe rence is a shift of shock posit ion , a methodology is

presented for the determination of the shift of t ie shock due to wal l constraints.

The feasibility and relative accuracy of the method is proved herein only for

simple confi gurations such as a circular arc airfoil at zero angle of attack.

An extension of the concept and of the method to other non-lifting configura-

tions such as airfoi l s with blunted lea ding edges , and , possibly, to li f t i n g

a i r f oi l s , could constitute a worthwhile effort. The present procedure is ad-

mi ttedl y approximate , since it is essenti all y based on a line a r i zation of the

nonlinear interfe rence process , but it appears to provide an adequate r~ pre-

sentation of the flow-phenomena (with the same accuracy of more complex anal-

yses) at least for the cases reported here .

A shock fitting techni que has , in addition , been developed for the exact deter-

mination of shock location and shape over a supercr itica l a i rfoi l . A concomit-

ant compute r program has been developed and has been used to precisely assess

the effect of a perturbation of back pressure on shock location.
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BLOCKAGE IUT E RF E~ [NC[ BY L I r f f~ R I 7 E D  SUBSO N I C _ THEO IW

The lin e arized subsonic theory of wa l l interference for no n l i f t i n g ,  two—

d ime ns iona ’ a i r f o i l s  in tunnels with sol i d , porous and slotted wa lls is re-

viewed here. The present der i va ti on det ermines the interference p otential by

f o l l ow inq  the ana l y s i s  of Lo~~~ for the p a r t i c u l a r  ca se whe e the non-linear

ter m is  neg lec ted .

The anal ysis is based on the solution of the lin earized equation of subson ic

compressible flow

(1 - N 2

) 
~ + = 0 (A .l)xx yy

subject  to the tangential flow condition at the airf oil surface

= t F (x) (A.2)

where F (x) is the a i r f o i l  p r o f i l e  funct ion , and , for the case of a porous v.a l l ,
to the wall boundary condition , at y = h ,

+ T 
~ 

= 0 (A.3)

where I is the porosity parame ter. For T -
~ the solid wall boundary condi-

tion , 
~ 

= 0, is recovered.

The method of Fourier transform is now applied , by taking the Fourier trans-

form of (x)

~(p) = (2~T)
/2 f ~ (x) e ’

~~ dx , (A. 4 )

to y ie ld  the equat ion

- B2 
+ = o (A.5)
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and the bounda ry condi t ions

T fip) = (27~)~~~
/2 f ~ F~ e~PX dx , at y = 0 (A.6)

and

- i p ~ + T 
~ 

= 0, at y 0 (A.7)

The solu tion of Equation (A.5) , subject to bound ary conditions (A.6) and (A.7) ,
in the t ra ns fo r m plane is

-A h
= - L_~

(P)
~ Lft ~~

tj
~~i~~~ _.._ cosh Ain A i p cosh Ah + TX sinh Xli

where A = ~p and wh e r e •
~~ 

is the f ree a i r  so lu t i on  i . e .,  ~~ = — (
~ f(p)/A)c~~~

’.

The interference po tenti al in the transform plane , is then g iven by

= -

whic h, l-y the inverse t rans f orm , y i e ld s , in the phys ica l  plane , the real va lue
potential

= - I r dp i e~~~ 
cosh À y M

~~~L J  c 
- 

C

(A.8)

+ dp i e Th cosh À y 
H
5 ]

A2

L
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where

(p
2 

H + TA p2
G) /D

(T~ II + P
2
G) p/D

2 2 2
D = H + p  G

H = TA sinh A h

G cosh Ah

A = f~p

and where M and are re lated  to the a i r f o i l  geometry through the in tegra ls

1/2

H = f F(~) cos p (x-~ ) d~ (A.9)

-1/2

and

H = J F (
~) si n p (x-F) d~ (A.lO)

-1/2

In the case of a tu nnel with slotted walls , the wall boundary cond i t ion  is
usually g iven by the homogeneous form

+ K 4 = o (A.11 )

where K is the slot parameter. For convenience , the integrated form of Equa-

tion (A.ll) is used here , i.e., the form

A3
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~~+ K q ~~ = O  a t y = h  (A.12)

which i m p l i e s  zero pe r t u rbat i on  p o t e n t i a l  at ups t r eam i n f i n i t y .  Aga in by us-
ing the Fourier transform (A.14), the solution of Equation (A.5) subject to the

boundary condition (A.6) at the airfoil surface , ar id to the boundary condition

~~+ K  
~y 

0 a t y = h

y ie lds , in the t ransform pla ne , the interference po tential

- 
— 

tf  ( 1- ? ._ K)e~~~ 2 cos h ~v- 

(HA K)e~~ + (I-A K)e~~~

By the inverse transfrom , we then o bta in , in the physica l p lane , the interfer-
ence potential

— T f (i- K)e~~~ 2 cosh À y (A. 13 )— 

~
‘ Ah Ah M dp

‘
~ J (H- A K)e + (1—A K)e

-=

where

1/2

H = f F(~) sin p (~ -x) d~ (A.1I4)

‘-1 /2

A4
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