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PREFACE

This is the final technical report prepared by Caispan Corporation on

one phase of a multi-phase program sponsored by the Air Force Aero-Propulsion

Labora tory , Air Force Systems Command, Wright-Patterson Air Force Base, Ohio ,
under Contract F33615-76-C-2092. The work reported herein was accomplished

under Phase IV of Project 3066, “Investigation of Rotating Stall and Turbine

Heat Transfer in Axial Flow Turbomachinery ; Phase IV Studies of Heat Transfer to

Gas Turb ine Compo nents”~ . This particular phase of the program was supported by

the Turbine Components Branch and was under the technical direction of

‘ 
Mr. Wayne Tall and Dr. Kervyn Mach . Dr. Michael C. Dunn of the Calspan Corp-

oration was technically responsible for the work .
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+The authors are indebted to Mr. Paul Dodge of the Garrett Corporation for

supplying the nozzle stators and for many help f u l d iscussions regard ing the
operating conditions.
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SECTION I

INTRODIJCTI ON

In order to achieve maximum cycle efficiencies with gas turbine engines,
it is necessary to u t i l i z e  the maximum possible turbine inlet temperatures within

the constraints of structural integrity. The ability to predict accurately the

heat- transfer  rate distributions for the various engine components therefore
becomes an important consideration in achieving this goal . Several calculational

techniques, e.g. Dodge [1], Katsanis and McNally [2], Wu [3], Smith [4], and

Horlock and Perkins [5] have recently appeared in the literature as have several

papers reporting experimental measurements , e.g. Blair [6], Louis [7], Jones and
Schultz [8], and Smith [9]. Though the material presented in each of these

papers represents an advance in the state-of-the-art , there is a further need

for detailed experimental data obtained under known gas-dynamic conditions that

can be used to verify the accuracy of the calculation techniques and to supple-

ment the existing data.

At the present time , there are several types of test facilities6~~
3

that can be used to perform heat-transfer and/or pressure measurements related

to the operation and design of gas turbine engines . The most often used of these

is the long run-time steady-state cascade facility and the best approximation to

the real problem is the full-scale engine test facility. There are many problems

that are well suited to study and solution in these facilities and there are other

problems that are difficult or expensive to resolve. With existing steady-flow

techniques , it is basically difficult :o obtain accurately the detailed heat-

transfer distributions on an engine component because a thermal equilibrium is

established in these experiments , and the heat-transfer rates must be inferred

from the temperature distribution . The test apparatus used for the present ex-

periments provides an important experimental capability fitting between cascade

facilities and the full-scale engine facilities because it provides accurate

heat-transfer data with a spatial resolution that is comparable with the airfoi l

thickness .

________  -—---5—-.-.-  - - . .  - - —~~ —~~~~~~~ 
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The purpose of the studies described in t h i s  report was to  demonst ra te

that s ta te-of- the-ar t  shock-tube technology and w e l l  e s t ab l i shed  transient-test

techniques could be successfu l ly  used to obtain s p a t i a l l y  resolved hea t - t r an s f e r
rates on gas turbine components. For demonstration purposes , these i n i t i a l  ex-
periments used a row of stationary inlet nozzles of the AiResearch TFE-731-2

engine. The facility in which these measurements were obtained provides a clean ,

uniform, and accurately known gas-dynamic condition at the turbine inlet . The

measured heat-transfer distributions can therefore be used to validate and in-

• prove confidence in the accuracy of various predictive techniques .

Two technical papers have been written describing the results of this

work . Reference 14 contains detailed discussions of the gas dynamics of the

transient starting process and flow establishment time associated with the test

apparatus utilized in this work and Reference 15 contains a detailed discussion

of the heat-transfer rate measurements and resulting distributions on the stator

end wall , hub wa ll , pressure and suction side of the airfoil.

SECTION II

EXPERIMENTAL APPARATUS

The experimental apparatus shown in Fig. 1 consists of an 0.203-meter

(8-inch) i.d. helium-driven shock tube , which has a 12.19-meter (40-foot) long

driver tube and a 15.24-meter (50-foot) long driven tube , as a short-duration

source of high-temperature high-pressure gas , driving a nozzle-test-section

device mounted near the exit of the primary shock-tunnel nozzle and extending in-

to the shock-tunnel receiver tank . The combination of a large diameter driven

tube and very long driver tube accounts for the long test times obtained in this

work.14 The nozzle-test-section device consists of a forward t’ansition section

with a circular opening facing the supersonic primary nozzle flow and with the

external shape of a frustum of a cone. Internal contouring is provided to trans-

form the circular-section intake flow into one filling a 176 0 annular segment

(maintaining the inviscid cross sectional area nearly constant at a value of

0.016 m2 (25 in2), and having a geometry approximating that of the entrance to the

turbine stator stage in a turbojet.

2
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The forward transition section containing the turbine stator blades is

followed by an aft diffuser section . The flow leaving the turbine stator stage

has been turned approximately 69° with respect to the axial flow direction be-

fore entering the turning-vane stator stage. The function of the turning vanes

is to remove a portion of the swirl introduced by the turbine stator blades by

turning the flow back 69°. This turning stage was expected to cause large

losses because of the very large turning required and because no attempt was

made to optimize the design. A discussion presented later in the paper addresses

this point. The flow then passes through another transition section in which the

flow is transformed from an annular back to a circular cross section . After the

turning-vane stator section , the inviscid cross-sectional area is maintained con-
1

stant at a value of 0.01:2 m~ (18.92 in) which is less than that of the forward

t ransition section . The diffuser section extends into the shock-tunnel receiver

tank and is terminated by a replaceable orifice 16 plate , which provides a means

of varying the mass flow and Mach number distribut i on through the nozzle-test-

section device. For the experiments discussed herein the orifice area was
1

0.00472 m (7.32 in ).

Static pressure measurements were obtained at sixteen locations in the

nozzle-test-section device as noted by the circled numbers on Fig. 1. Nine of

these measurement locations were in the forward transition section from the in-

let to just ahead of the stator blades , three measurements were made immediately

downstream of the stator tip exit , three measurements were made just downstream

of the flow straighteners , and one measurement was made approximately one duct

diameter upstream of the orifice plate. Figure 2 illustrates a portion of the

test section and the nozzle stator installation but with the external cone and
outer contour parts , shown in Fig .  I , removed . From this  photograph , the cir-
cumferential  locations of the pressure transducers at two axial locations ahead

of the stator can be seen . The center stator section in this photograph was

replaced wi th  one containing the t h i n - f i l m  gages in order to perform the heat-

transfer measurements. Also shown on this figure is a rake of ten total temper-

ature probes (see Bontrager [17]) containing 0.0005-inch diameter but t -welded

chromel-alume l thermocouples housed in 0.050-inch diameter stainless steel tubes.

3
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Figure 3 is a photograph taken from downstream of the flow straighteners

discussed earlier in this section . As was the case for Fig. 2, the outer portion

of the test section (see Fig. 1) has been removed. The position of the three

pressure transducers located at 0.0165-meters (0.65-inches) downstream of the

turning vanes can be seen from this photograph as can the contour of the turning

vanes and the aft bullet nose. The three lead wires shown exiting from the top

surface of the large diameter housing and numbered , G~ , and come from
the pressure transducers located on the tip surface near the exit of the stator

and prior to the entrance of the turning vane. Figure 3 also demonstrates a

fillet that was placed at the junction of the aft bullet nose and the flat plate.

A similar fillet was used at all junctions of mating parts with the flat plate

surface in order to minimize the potential for flow disturbances resulting from

sharp corners .

Figure 4 is a photograph of one of the stator nozzles as received from

Garrett and prior to machining the holes for installation of the heat-transfer

gages. These stators had been used previously in an operating engine. Because

the relative importance of film cooling was not of interest in the present pro-

gram , all the cooling-air passages were plugged and faired smoothly into the con-

tour. In addition, the three small bosses shown near the flat surface were

ground smooth in order to prevent test-gas leakage in the system.

A photograph of one of the heat-transfer gages used in this work was

taken through a Leitz microscope and is shown in Fig. 5. These thin-film heat-

transfer gages were constructed using well-established techniques described by

..i al [18]. The insulating substrate for the metallic film is pyrex

9.65 x 10~~ meters (0.038-inches) in diameter by 7 . 112 x l0~~ meters (0.028-

inches) thick . The thin-film gage is made of platinum (“1000 A thick) and is

painted on the substrate in the form of a strip approximately 1.016 x l0~~ meters

(0.004-inches ) wide by about 5.08 x l0~~ meters (0.020-inches) long . A coating
of magnesium f luoride (~~ 1200 A thick) is vapor deposited over the gage to pro-

tect again.~t abrasion. A diamond drill was used to notch the substrate on each

side, (as can be seen on the photograph) so as to permit the lead wires access

to the thin film without contact with the metal nozzle.

4
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The heat-transfer gages described above were installed in the stator

nozzle at 58 selected locations. The holes were electro-machined and were

counterbored to a diameter of 1.016 x 10 3-meters (0.040-inch) by 8.128 x l0~~-

meters (0.032-inch) deep with a through hole 5.08 x l0 4-meters (0.020-inch )

diameter. A photograph of the stator illustrating the construction of these

holes prior to installation of the heat-transfer gages is shown in Fig. 6.

Figures 7-9 are photographs of the heat-transfer gage installation for

the t ip end waU , the airfoil pressure surface and the hub end wall. From these

photographs, the relative locations of the heat-transfer gages can be observed

as can the orientation of the gage elements relative to the stator surface. It

should be noted that in some areas of the airfoil , the material was not suffi-

ciently thick to allow counterboring in which case the hole was machined through .

Of the heat-transfer gages that were installed in the stator , 23 were placed in

the tip end wall , 7 in the hub wal l , 16 on the pressure side of the airfoil , and

12 on the suction side of the airfoil. Detailed measurements of the hole loca-

tions were made and these locations are given later in this report. During the

experiments , a constant current of I milliampere was passed through the gages

which have a room temperature resistance on the order of 50 to l00~l . The re-

suiting i2R heating of the gage produced an insignificant part of the gage ~AT
experienced during an experiment.

SECTION III

OPERATION OF FACILITY

Operation of the Turbine-Blade-Heating Test Facility follows standard

shock- tunne l p r a c t i c e .  The shock-tunnel  flow is in i t i a ted  by rupturing the
double diaphragms initially separating the high-pressure helium driver gas from

the low-pressure air in the driven tube. The primary shock wave generated in

the air test gas reflects from the end of the driven tube, rupturing a mylar

d iaphragm between the’ driven tube and the evacuated shock-tunnel nozzle , thereby

initiating the air flow in the shock-tunnel nozzle. Several wave reflections

occur between the dr i ven-tube end wail and the helium/air interface until

5 
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I
equilibrium-interface conditions 19 are achieved in the reflected-shock reser-

voir and subsequent steady-flow nozzle conditions are achieved . This gas-

dynamic behavior can be seen in the reflected-shock pressure data presented later

in this paper. At a predetermined t ime af ter  shock re f lec t ion  from the shock
tube end wall , a centerbody valve is actuated and seals off the test section

from the shock tube. In this manner , the potential for tiny fragments of

metal diaphragm particles damaging the heat-transfer gages is reduced signifi-

cantly. Past experience has shown that this techni que is very effec ti ve and

it was demonstrated to be so here in that no damage to any of the 58 heat-

* transfer gages used in this work was experienced during the course of the

experimental program.

The in i t ia l  unsteady supersonic n o z z l e  f low enters the n o z z l e  test-

section device and chokes at the tu rb ine  stator throat , causing a re f l ec ted
shock wave to propagate upstream until it issues from the mouth of the device .

Part of the incoming shocked flow is spilled around the forward conical frustum

and part enters the c i rcular  opening at subsonic speeds . When the shock wave
exits from the test section , an expansion wave propagated towards the s ta tor .

After a complex series of internal and external wave interactions , a steady

flow is established ir the device with a detached bow wave standing ahead . The

aft portion of the test section experiences a different starting process be-

cause there are essentially two orifices in series . The initial shock is trans-

mitted through the stator throat and reflects from the orifice plate. This

reflection is followed by a complex series of reflections and expansions until

steady-state conditions are achieved af ter  about 9 mi l l i s econds . A one-

dimensionar analysis was used prior to the experiments to estimate the flow

establishment time and the results indicated that approximately 7 m i l li sseconds

would be required which is considered to be consistent.

6 
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SECTION IV
EXPERIMENTAL RESULTS

An experimental program demonstrating the feasibility of the technique

described herein for obtaining detailed spatial distributions of heat-transfer
rate on fu l l - sca le  engine components has been completed. The reflected-shock

reservoir conditions in the equilibrium interface region were a pressure of

1.51 x 1O 7 newtons/m (2190 psia) at a ref lected-shock temperature of 1570 ° K

• (2825°R). Figure 10 is an oscilloscope record of the pressure data from two

of the four pressure t ransducers used in the  ref lected-shock region for each

experiment from which the equilibrium interface conditions were obtained using

standard shock-tube tables and by assuming an isentropic compression after

the initial shock reflection . For the measured incident shock Mach number of

3.39 and the initial driven-tube pressure of 1.86 x l0~ newtons/rn
2 (26.9 psia),

the measured reflected-shock pressure for the initial 3 milliseconds after

shock reflection is in excellent agreement with theory . The theoretical value

of entropy was used to perform the calculation of the equilibrium interface

temperature. Because of the gradua l pressure rise during the test period , it H

was necessary to use an average pressure to calculate reservoir conditions.
No att emp t wa s made to vary the driver gas lie/Air ratio in order to improve

21this situation . Previous measurements at Calspan of the reflected-shock

r ad ia t ion - in t ens i ty  h i s to ry  have demonstrated tha t  for helium driving air at

low incident shock Mach numbers the equilibrium interface approximation is

acceptable.

Figure 11 illustrates the total-temperature measurements obtained with : 1
two of the 1.27 x l0 5-meter (0.0005-inch) diameter chromel-alume l thermocouples .

The temperature deduced from these traces for thermocouple #9 was 1530 °K

(2750°R) and that deduced for thermocouple #10 was l400°K (2520°R). The aver-

age measured total temperature was 1440°K (2600°R) compared to the calculated

value of 1570°K (2825°R).

7
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A. FLOW ESTABLISHMENT TIME AND PRESSURE MEASUREMENTS

The test-section flow establishment time was calculated using one-
dimensional gas-dynamic relations to be approximately 7 milliseconds. A brief

description of the starting process was given earlier in the section OPERATION

OF FACILITY . The static pressure data presented in Figs . 12 (a) , (b) , (c) , and
(d) can be used to confirm the qualitative nature of the starting process. The

sweep rate for all of the oscilloscope records presented herein was 5 milli-

seconds/cm which was too slow for quantitative determination of the starting

process but acceptable for qualitative discussion . Each of these pressure

transducers has a different sensitivity so that the absolute deflections cannot

be compared directly . However, later in this section, the pressure resu lts at

the various locations through the device are presented and they are discussed

in detail in terms of losses experienced through the device . The pressure

measurement obtained at station il lustrates both the arrival of the in i t ia l

wave system at s l ight ly  more than 2 milliseconds after sweep initiation and the
arrival at approximately 2.5 mill iseconds later of the shock wave reflected from

the turbine stator-stage throat . At approximately 2.5 to 3 milliseconds later,

the expansion wave as a result of the shock wave l eaving the device can be seen .

After several wave interactions , a steady flow is established at approximately
9 milliseconds after arrival of the initial pressure signal suggesting that a

detached bow wave is established ahead of the inlet . The pressure data at

locations ~~ and at ~~~and ~~~ shown in Fig.  12 (b) are also shown to be

qualitatively consistent with this argument . Figure 12 (c) presents pressure
data obtained downstream of the flow straighteners and illustrates the trans-

mitted shock followed by a compression wave system that is a mixture of waves
being transmitted through the stator and those being reflected from the orifice

plate. However, at approximately 9 milliseconds after the arrival of the trans-

mitted shock , steady-flow conditions are obtained at this location . The sub-

sequent 8 or 9 milliseconds represent the available test time in the device.

Figure 12 (d) illustrates the pressure data obtained at location which

is approximately 0.116-meters (4.55-inches)  upstream of the orifice plate, and

at location which is in the tip wall at approximately 2.54 x l0
3-meters

(0.10-inches) downstream of the stator exit. The initial transmitted shock can

8 
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be seen to arrive at earlier than at as would be expected . The in-

fluence of subsequent compression and expansion waves are seen in the pressure

history during the transient starting process , but once again after approxi-

mately 9 mil l i seconds , the pressure reaches a reasonably uniform value which is

designated test time on the figure.

The results of static measurements for five separate experiments are

shown on Fig. 13 for the seven measuring stations in the test apparatus. It is

i l lustrated on Fig.  1 that at each of four axial locations , three pressure meas-

urernents were taken in the azimuthal direction (see also Figs . 2 and 3). The

measured static pressure variation with azimuth was on the order of 1 percent,

which is within the accuracy of the transducers , and thus al l of the data are
plotted together on Fig. 13 independent of location .

Using one-dimensional theory , the known area of the aft diffuser and

orifice plate , and the measured static pressures from Fig. 13, one can cal culate
the Mach number in the aft diffuser and the mass flow rate. The results of

this calculation give a Mach number in the aft portion of 0.236 and a mass flow

rate of 3.50 Kgm/sec (7.72 lb/sec) for the 176° sector of 7.17 Kgm/sec

(15.8 lb/sec) for the full turbine. Knowing the forward area and the mass flow

rate , an iteration technique was used to find the Mach number in the forward
5 2section ahead of the stator to he 0.15 at a total pressure of 8.74 x 10 newtons/m

— 

(126.8 psia) giving a flow velocity of 114.15 rn/sec (374.5 ft/sec) and a gas

density of 1.922 Kgrn/m~ (0.12 lb/ft~ ). The resulting Reynolds number ahead of

the stator was 4.27 x 106 per meter (1.3 x 106 per foot ) or approximately

1.3 x 10~ based on mid annular chord length. The Mach number at the stator exit

ti p was calculated to be approximately 0.7 based on the average stat c pressure

at locations , , and , divided by the total pressure ahead of the

stator inlet . The stator stage was designed for a Mach number of 0.8 at this

location and a mass flow rate of approximately 13.61 Kgm/sec (30 Ib/sec) for the

ent i re turbine or 6.65 Kgm/sec (14.67 Ib/sec) for the 17~° sector. Therefore, the

mass flow rate used in these experiments was approx i mately ha if of the design
condition . In subsequent experiments , the mass flow will he increased to the

appropriate value by increasing the shock-tunnel primary nozzle throat area

wh ich has the effect of moving the inlet pick-off point to the Mach number 4.0

9
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location in the primary nozzle. For the experiments reported here, the pick-

off Mach number was approximately 4.5 and the post-shock specific heat ratio

was approximately 1.3. The design Mach number of 0.8 at the stator exit tip

can be achieved by increasing the orifice size which also will increase the

mass flow rate.

B. TOTAL PRESSURE LOSSES IN TEST DEVICE

The measured static pressures presented in Fig. 13 were then used in

conjunction with existing literature results (Balje [22]) to demonstrate that

the device used here was performing as expected and that the same device may be

a potentially usefu l one for studying total-pressure losses in cascades.

The experimental values of total pressure wer~ computed from the weight

flow obtained by assuming that the downstream orifice wa~ choked, by using the
average of the static pressures measured just upstream of the orifice, and by

assuming that the total temperature remains constant, at the value measured

near the stator inlet , throughout the device. This information plus the use of

one-dimensional s teady-flow relations allows one to calculate the mass f low
through the device. Then, knowing the mass flow , the total pressure can be
calculated at each pressure measurement location by using the average of the

measured static pressures. From this information, the total pressure losses
associated with various elements of the test device can be computed.

The results of this exercise are presented in Table 1. According to

the results shown, about 1.3% of the total pressure at the inlet is lost between

the inlet and the stator stage. About 3.9% of the total pressure of the flow

entering the stator is lost in the stator stage. The largest loss shown occurs

across the turning vanes where about 10% of the total pressure of the flow

entering the turning vanes is lost. The combined loss across the stator and

turning vanes is about 14% of the total pressure existing immediately upstream

of the stator. An additional loss of 4.9% of th’ total pressure of the flow

leaving the turning vanes occurs between the turning vanes and a point just

upstream of the orifice plate. Overall , about 19% of the total pressure at the

inlet is lost as the flow travels through the test device.

10
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Estimates of the losses occurring in the stator and turning vanes have
been computed using the methodology given by Ba lj e  [22] and are also presented

in Table 1 for comparison of the experimental results .  Two types of losses must

be considered : profile losses and end wall losses. For profile losses , Ba l je’s
method provides an estimate of the minimum loss expected for an optimum cascade.

The pertinent aerodynamic and geometric parameters for the stator stage have been

provided by Garrett AiResearch and are listed in Table 2. In computing the losses

for this stage, the root and tip wieff el coeff icien ts were averaged and Bal je ’s

formulae used . It is noteworthy that the average chord pitch ratio determined

for the stator stage using the parameters g iven in Table 2 agrees very w e l l  wi th

that obtained using the average Zwieffel coefficient in the expression for the

optimum chord pitch ratio recomended in Balje ’s paper. According to his method ,

the minimum profile total pressure loss expected across the stator stage is

about 0.8%.

The profile loss for the turning vanes has been computed in a similar

fashion . However, the turning vanes in this experiment were not optimized , ~nd
therefore one should expect losses larger than that given by the method of

Reference 22. In computi ig the profile losses , the geometric data shown in

Table 3 were used, and the Zwieffel coefficient was assumed to be 0.9--the

optimum value, according to Balje. As shown in Table 1, the resulting minimum

predicted total pressure profile loss for the turning vanes is about 13%, much

larger than that for the stator stage.

In Reference 22, two methods are presented for computing minimum end

wall losses. One method is based on the premise that the end wall loss is

proportional to the profile loss and the ratio of wetted areas of the end wall

and blade surfaces. This method results in the uppermost end wall loss value

tabulated in Table 1. The results shown indicate that the end wall total pres-

sure losses predicted by this method are quite small , being about 0.3% and 0.7%

for the stator and turning vanes, respectively.

However, as Baije points out, this method does not properly account for

the influence of initial boundary-layer thickness . The second method he gives

11
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does account for this effect through a correction factor which is applied to a

formula given for zero initial boundary-layer thickness. The correction factor

depends on the ratio of initial boundary-layer thickness to cascade blade height,
starting at 1 for a value of 0 for this ratio and approaching 3 for values of

this ratio exceeding about 0.03. In the present case, a correction factor equal

to 3 is appropriate. In that case, the end wall losses are the lowermost values

shown in Table 1.

By comparing the losses obtained from both methods for the stator, it

is apparent that the method that accounts for initial boundary-layer thickness

predicts a much higher end wall loss than does the other method. Furthermore,

since the predicted end wall and profile losses are comparable for the stator,

the overall loss, which is taken to be the superposition of the end wall and

prof ile losses , is strongly affected by the choice of method used to determine
the end wall loss. Depending on the methodology used, the resulting minimum

overall predicted loss for the stator is about 1.1% and 1.8%, as shown in Table 1.

This comparable experimental value is shown to be about 3.9%, which is reasonably

consistent with the predictions .

In the case of the turning vanes, the two methods for predicting end

wall losses are more nearly equivalent than is the , case for the stator. Further-

more , the profile loss for the turning vanes is so large in comparison to the

end wall loss that the difference in overall combined loss is not significantly

affected by the choice of end wall loss prediction method. In both cases, the

combined minimum total pressure loss is about 14%. Surprisingly , this is some-

what larger than the experimental value of 10%. It should be recalled that the

turning vanes were not optimized , and therefore one would expect that the ex-

perimental losses would be significantly larger than the minimum predicted for

an optimized cascade. However, inspection of the comparisons between Balje ’s

predictions and cascade loss data presented in Reference 22 suggests the

difference observed here may not be unreasonable after all.

Al though differences appear between the data and the predictions for

the stator and turning vanes , the overall loss values agree quite well. For

12

___________ 
,&~ __ ___ __ _ _ . -•_~

_ a, _ _._ ._~__5. _ .-5 _ __ .__ .________ ____ .~_ ___._____ ___5_



_ _  
~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~ ‘~~~~~~~~~~~~~~~~~~~~~~~~~ ‘ 

__  ‘

example, the measured total pressure loss across the stator/turning vane

combination is about 14%, while the minimum predicted loss is either 14.6% or

15.2%, depending on the method chosen for predicting the end wall losses (see

Table 1).

It is to be emphasized that the purpose of the foregoing discussion

was to i l lus t ra te  that the experimental apparatus was performing as anticipated.
In add ition , some effort was devoted to a first preliminary look at the use of

the present test device as a means of investigating cascade losses. The primary

aim of the experiments performed to date has been to obtain heat-transfer data.

However, the fact that the cascade losses obtained experimentally are reasonably

close to predicted values suggests that useful cascade loss data can be obtained ,

especially once improvements are made to the present instrumentation .

C. VALIDITY OF TRANSIENT HEAT-TRANSFER MEASUREMENTS FOR CURRENT EXPERIMENTS

The results presented by Vidal [18] were u t i l i zed  to ascertain that

va l id  transient heat- t ransfer  measurements were obtained for the experimental
apparatus and gasdynamic conditions used here. It can be shown by analyzing the

thermal response of a metallic sensor mounted on an insulating substrate that

the effects of the metallic sensor (0.1 micron thick) can be neglected after

about 10
58 

seconds .

The material presented by Vidal [18] also forms a basis for establish-

ing the minimum substrate thicknesses that can be regarded as semi-infinite , or

equivalently, the max imum test time that wi ll yield data that can be interpreted

with the one-dimensional transient heat-conduction equation. This question can

be resolved using Eq. 18 in Ref. 18 , specialized to a homogeneous substrate

material , tr = 0. The resulting relation is differentiated to determine the heat
transferred at any depth in the substrate , and this is compared with the heat

*The authors are indebted to R. J. Vidal for helpful suggestions in the

performance of this analysis .
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entering the substrate at y = 0. The resulting criterion is

_ _ _ _  

~ stiIc (1)
9.

and if it is required that the maximum heat loss out of the back face of the

insulator be 10% of the incident heat, the criterion is that the minimum depth

of the substrate be J,,,,,>3.~44 S/Ri’ . For a pyrex substrate and a test time

of 20 milliseconds , the value of J , ,. was found to be 4 x l0~~ meters (0.016
inches). The pyrex substrate used in the present experiments was 7.11 x l0~
meters (0.028 inches) thick which fulfills this requirement. From the results

presented in Ref. 18 and the above discussion , it can be seen that j,,~~ w ill
increase wi th  increasing test time . It follows from Eq. (1) that transient heat-

transfer measurements are subject to the least uncertainty if the test time is

suf f i c ien t ly  short to insure that the characteristic penetration depth,2VR~’

is small by comparison with the thickness of the substrate. For the experimental

conditions (test time on the order of 20 milliseconds) used herein , the charac-

teristic penetration depth was approximately 2.23 x l0~~ meters (0.00088 inches)
-4for a substrate thickness of 7.11 x 10 meters (0.028 inches).

A strong motivation for using thin-film techniques and transient test

techni ques is that one can minimize the characteristic penetration depth ,

2’iki’ , and thereby be assured that the effects of axial heat conduction are
confined to a thin layer at the surface and that these effects will be small.

An approximate criterion for evaluating the magnitude of the axial heat con-

duction effects can also be obtained from Eq. 19 of Ref. 18 if it is assumed

that the axial, or transverse heat transfer is in laminae and is not influenced

by the temperature gradients along the coordinate normal to the surface. The

resulting criterion cannot be regarded as quantitatively rigorous, but rather it

serves as a qualitative indicator of the severity of the problem . Equation 18

from Ref. 18 is cast into the following form

T~~, t , z = ~ (X) 
{2 11

r~~~~ e 1_ f  ~ (2)
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and the axial heat transfer , = -, , is compared with the heat

transfer to the surface, ~~z). The following relation is obtained .

~ ~.( lj t) ~ 2V~
T1 oi~ J ~~ 

- 

- _____  ~~

q(Z) ~vW~’ ~(X) ~~ 
2 ’ V’~T 2~/ R~’ J (3)

It should be noted that the term in the bracket is identically the ratio of

the temperature at the depth , , to the surface temperature, and the ax ia l
heat transfer can be minimized by minimizing the characteristic penetration

depth , 2 , or by maximiz ing  the characteristic heat-transfer gradient ,
in comparison with the physical gradient th~/d~

Equation (3) has been evaluated for shock-tunnel test times of 20
mi ll iseconds , for a pyrex substrate , and for typical maximum and minimum heat

transfer gradients *(c4/cLx)= 1.06 to 0.138 1/cm . The results are tabulated

in Table 4 for depths equal to the characteristic penetration depth , 0.04 cm ,

and at depths of 1.10, 1/20, and 1/100 of the characteristic depth. It can be

seen that the most severe axial losses are confined to a layer of the surface

which is about 8 x l0~~ cm thick , or 20% of the characteristic penetration depth .

A typical sensor diameter of interest to turbine blade investigations is about

0.10 cm , or about 10 times larger than the layer in which the losses are great-

est . Consequen t ly , the actual maximum losses, the product of the heat-transfer

rate and the area , are about 0.1% or less.

For the experiments reported herein, it was found that both the back-

face losses and the transverse losses were negligible and that the data could be

interpreted with the existing one-dimensional analysis with a high level of con-
fidence.

D. PRESENTATION OF HEAT-TRANSFER RESULTS

An experimental program demonstrating the feasibility of the technique

described herein for obtaining detailed spatial distributions of heat-transfer

rate on full-scale engine components has been completed. The reflected-shock
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reservoir conditions in the equilibrium interface region were a pressure of

1.51 x 1O 7 newtons/rn2 at a reflected-shock temperature of l570 °K. Using one-

dimensional calculation techniques, the known area of the aft diffuser and orifice

plate , and the measured static pressure, one can calculate the Mach number in the

aft diffuser and the mass flow rate. The results of this calculation give a Mach

number in the aft portion of approximately 0.24 and a mass flow rate of

3.50 Kgm/sec for the 176° sector or 7.17 Kgm/sec for the full turbine. Knowing

the forward area and the mass flow rate, an iteration technique was used to find

the Mach number in the forward section ahead of the stator to be 0.15 at a total
pressure of 8.74 x 10~ newtons/rn 2 giving a flow velocity of about 114 rn/sec and

a gas density of 1.92 Kgm/rn3. The result ing Reynolds number ahead of the stator

was 4 .27  x 106 per meter or approximately 1.3 x l0~ based on mid annular chord

length . The Mach number at the stator exit tip was calculated to be approxi-

mately 0.7 based on the average static pressure at locations ~~ ~~ and

and based on the total pressure ahead of the stator inlet . The stator

stage was designed for a Mach number of 0.8 at this location and a mass flow

rate approximately 13.61 Kgm/sec for the entire turbine or 6.65 Kgm/sec for the

176° sector. Therefore, the mass flow rate used in these experiments was approxi-

mately half of the design condition . In subsequent experiments , the mass flow

will be increased to the appropriate value by simply increasing the shock-tunnel

primary nozzle throat area which has the effect of moving the inlet to the loca-

tion in the primary nozzle where the Mach number is equal to 4.0. For the ex-

periments reported here , the Mach number at the entrance to the inlet was

approxi~iately 4.5 and the post-shock specific heat ratio was approximately 1.3.

The design Mach number of 0.8 at the stator exit tip can be achieved by in-

creasing the orifice size which also will increase the mass flow rate.

Detailed heat-transfer rate measurements were obtained from the thin-

film gages by processing the gage output voltage through a standard heat-flux

network developed by Skinner [23]. Prior to initiating the experiments , each of

the gages was calibrated at 297.6°K , 313.8°K and 334.5°K using a temperature-

controlled oil bath . The temperature coefficient of resistance determined in

this manner is used in obtaining the calibration signal (shown on the oscilloscope

data records discussed later in this section) determined for each gage prior to
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every run. The room temperature resistance of each gage was measured prior to

an experiment and if a change in resistance was observed, then the calibration

signal could be appropriately compensated. However, during the course of the

experimental program reported here, the room temperature resistance of the in-

div idual gages remained essentia l ly  unchanged .

Figures 14-17 present the detailed locations of the heat-transfer gages

on the hub end wall , tip end wall , airfoil suction surface and the airfoil pres-

sure surface. The solid dot represents the location of the heat-transfer gage

on the projected surface and the number in the circle represents the heat-transfer

gage number. The coordinate system for location of the gage on the surface is

shown on each figure and the coordinates are tabulated in Table 5 along with the

heat-transfer rates. The only coordinate requiring explanation is the X-

coordinate used for the end wall location . The X-distance is measured along the

ray shown drawn through the points. The location of heat-transfer gages 29-52

on the tip end wall and gages 1 to 16 on the airfoil pressure surface can be

seen clearly on the photographs of the end wall shown in Figs. 7 and 8. The hub

end wall gages 58 to 63 can be seen in Fig. 9.

Figures 18 and 19 are typical of the heat-transfer rate measurements

obtained in these experiments. The calibration signal discussed above is shown

on the left side of the data record of both figures for each gage. The data

presented in Fig. 18 were obtained from heat-transfer gages located on the pres-

sure side of the airfoil. Referring to Fig. 7 gage #3 is the centerline gage

located nearest the leading edge and gage #11 is the third gage on the center-

line. Figure 19 presents data obtained from gage #54 (upper channel) wh ich was

located on the hub wall which can be seen on Fig 9, and the data from gage #30

( lower ch annel )  wh ich is the cen ter gage on the top row of end wall  gages as

seen on Fig. 7. The significant point to be noted from these figures is that

even though the characteristic of the data records during the early-time f low-

establishment period is different depending upon where the gage is located, in

a l l  cases uniform flow is achieved at approximately the same time and the heat-
transfer rate remains relatively uniform during the useful test time . The use-

ful test time is noted on Figs . 18 and 19 and shown to be about 12 milliseconds .
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The time period of approximately 8 milliseconds preceding the test time is the

flow establishment time discussed in Ref. 14. The heat-transfer rates to be

determined from these records were read at relatively late times and the sur-

face temperature had increased above room temperature. Consequently, it was

necessary to incorporate a correction for the temperature variation of the

pc& product of the pyrex substrate. This correction results in an increase

of approximately 10 percent over the values taken from the oscilloscope records .

Figures 20-23 present a summary of the heat-transfer rate measurements

for the end wall , hu b wall , pressure side of a irfoi l  and suction side of the
airfoil. Once again , the solid dot represents the location of the heat-transfer

gage on the projected surface, the number in the circle is the gage number re-

ferred to in Table 4 and the number under the dot is the heat- t ransfer  rate in
joules/m2 sec obtained by averaging the results of three separate experiments .

The reproducibility of the experimentally determined heat- t ransfer  rate at a

given location was in general wi th in  ± 5% for the experiments performed .

In interpreting the heat-trans fer results  presented in Fi gs. 20-23 , it

should be recalled that the total pressure and mass flow rate are approximately

50% of the design values for the stator. The total temperature and Mach number

distribution are near design values . Because of the lower total pressure , the

heat-transfer rates will be lower than would be expected under actual engine

operating conditions. However, for the purposes of using these experimental

heat-transfer results to verify calculation techniques , the deficiency in pres-

sure and mass flow should not present a problem since the inlet gasdynamic

conditions are known.

The results for the end-wall heat-transfer rate measurements are pre-

sented in Fig. 20. A local hot spot can be seen near the leading edge on the

suction side of the a i r fo i l .  The heat-transfer  rate values from about mid-

chord to the trailing edge are significantly elevated over the entrance region

values consistent with what was observed by Blair [6].

18
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The hub wall results are presented in Fi g. 21. It can be observed

that the measured heat-transfer rates for this surface are fairly uniform with

the exception of those neasurements taken in the vicinity of the suction side

of the airfoil. Of these later measurements , the one nearest the leading edge

was greater than the near mid-chord value. Unfortunately, heat-trans fer gage

#58, which would have provided a more complete profile , was damaged during

installation and did not operate.

Results of the heat-transfer measurements obtained on the airfoil

pressure surface are shown in Fi g. 22. The gages at the near centerline loca-

tion illustrate a trend starting with gage ~3 of first decreasing then increas-

ing to a much higher value at gage #lb . Near the end and hub ~a1 l s , the heat-

transfer rate is relatively un i form with the except i on of a local hot spot at

gages #4 and ~5.

Figure 23 presents the results obtained for the suction s~dc of the

airfoil. Near the hub wall , gages #17 , ~l8, and ~22, the heat-transfer rates
are as large or larger than those experienced on the trailing port ion of the

end wall. In addition , gages #25 to #28 on the near centerline of this surface

also indicated relatively large heat-transfer rates . By comparison , the heat-

transfer values obtained near the end wall were significantly lower and of the

order of those measured on the pressure side of the airfoil.

Detailed interpretation of the results presented in Figs. 20-23 in

terms of local vorticies or other flow disturbances has not yet been completed .

However, a detailed comparison has been presented by Dodge [24] between his

predicted heat-transfer rates and the measurements reported herein . Relatively

good agreement is demonstrated between the predicted and measured values for

the stator tip and hub end walls. The distributions on the pressure and suction

surface of the airfoil are in good agreement but the predicted heat-transfer

levels are greater than the measured values . Dodge attributes these higher

predicted values to the nontransitioning turbulence model used in his

calculation .
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SECTION V

CONCLUSIONS AND RECOMMENDATIONS

The application of state-of-the-art shock-tube technology and well

established transient-test techniques results in accurate measurement of the

spatial  distribution of heat-transfer rate on the f i rs t  stage s ta t ionary inlet

nozzle of the AiResearch TFE-731-2 engine under gas -dynamic conditions that

simulate engine operating conditions . The test time and mass flow rate

available from the shock-tube reservoir and the flow establishment time in the

test section are all acceptable for the purposes of performing these heat-

t ransfer  rate measurements. In addition , it appears that usefu l cascade loss

data can be obtained using the experimental apparatus discussed herein.

Add itional heat-transfer data at greater mass flow rates and over a

range of Reynolds number would provide a much needed data base for comparison

with the results of predictive models. These measurements would also provide

“no-rotor data ” that  could be used at a later  date to ascertain the upstream
influence of the rotor. It would be of interest to initiate experimental

studies of the inf luence of mass injection on heat-transfer rates for the three-

dimensional flow field associated with the stator nozzles . Perhaps the most

ambition extention of the research program discussed in this report would be

to go directly to the introduction of an instrumented rotor and measure heat-

transfer rates on one of the rotor blades simultaneous with stator measure-

ments similar to those discussed herein.
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Table 2
STATOR VANE DATA

HUB TIP

DESIGN RADIUS , METERS (IN) 0.10986(4.325) 0.14072(5.540)
INLET FLOW ANGLE . DEG 0.000 0.000
EXIT FLOW ANGLE , DEG 70.246 61.516

~
/
~5198, ZWE I FEL LOADING COEFF . 0.6150 0.7030
LEADING EDGE THICKNESS, METERS (IN) 0.001067(0.042) 0.001 321 (0.052)

TRAILING EDGE THICKNESS, METERS (IN ) 0.000508(0.020 ) 0.000508(0.020)
THROAT DIMENSION , METERS (IN) 0.00571(0.2248) 0.00824(0.3246)

CX, AXIAL CHORD, METERS (IN) 0.01 712 (0.6740) 0.02276 (0.8959)

CX,$, AXIAL SOLIDITY 1.0169 1.0552
EXIT BLADE ANGLE , DEG 68.327 66.0560
ASPECT RATIO , VANE HEIGHT/Cx MEAN 1.5500
TRAILING EDGE BLOCKAGE , % 8.17 5.80

Table 3
SUMMARY OF PHYSICAL PARAMETERS OF TURNING VANES

BLADE HEIGHT , METERS (IN ) 0.03099(1.22)
BLADE CHORD , METERS (IN ) 0.0292(1.148)
CAMBER LINE LENGTH. METERS (IN) 0.03099(1.22)

CIRCUMFERENTIAL BLADE SPACING , METERS (IN) 0.0192(0.756)

FLOW TURNING ANGLE , DEG 70
RADIUS OF TURNING VANES , METERS (IN) CIRCULA R ARC R 0.0254(1.0)
p1 . 160°

_• _ •
~~~~~~~~~1 ~~~~
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Table 4
COMPARISON OF AXIAL HEAT TRANSFER TO SURFACE HEAT TRANSFER

y (cm)
T q / max k q / mm

4 x 10 0.964 0.011 0.002

4x io~ 0.681 0.008 0.001

8 x io~ 0.441 0.006 0.001
4 x io 2 0.015 0.0000 0.0000
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Figure 4 INLET STATOR PRIOR TO INSTRUMENTATI ON
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Figure 12(a) STATIC PRESSURE DATA UPPER CHANNEL: PRESSURE AT
LOCATED AT 2-INCHES FROM IN LET LOWER CHANNEL:
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Figure 12(b) STATIC PRESSURE DATA UPPER CHANNEL: PRESSURE AT iij
AT 6-INCHES UPSTREAM OF STATOR LOWER CHANNEL:
PRESSURE AT (13 AT 1.35 INCHES UPSTREAM OF STATOR
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Figure 12(c) STATIC PRESSURE DATA UPPER CHANNEL: PRESSURE AT
LOCATED 0.65.INCHES DOWNSTREAM OF FLOW
STRAIGHTENERS LOWER CHANNEL: PRESSURE AT
LOCATED 0.65-INCH ES DOWNSTREAM OF FLOW STRAIGHTENERS
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FIgure 12(d) STATIC PRESSURE DATA UPPER CHANNEL: PRESSURE AT
LOCATED 4.55-INCHES UPSTREAM OF ORIFICE PLATE
LOWER CHANNEL: PRESSURE AT 63 LOCATED 0.10-INCHES
DOWNSTREAM OF STATOR EXIT PLANE IN TIP WALL
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NOTE: TO CONVERT TO BTU/ft 2 sec, MULTIPLY BY 0.0102

J Test
2.16x iO~ I Time

Jim2 sec

- Gage #3

-f
7

_ _ _  
a Gage #11

1.62 x
Jim2 sec 5 ms—IP’ J H Time

Figure 18 Heat-transfer measurement at gage #3 and gage #11
on pressure side of airfo il

I Test 
______

~ Time
3.77~? ~~~

Jim2 sec

4 
5 

Gage #54

-
~~ 

_ • 1

Gage #30

3.77 x 10~
J/m2 sec 5ms F Time .

Figure 19 Heat-transfer rate on hub wall , gage #54 and on
end wall , gage #30
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