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PREFACE

Active control technology has steadily emerged and offers a means for improving perfor-
mance and operational flexibility and of changing air vehicle design concepts, procedures and
methods. The use of active control devices on aircraft appears beneficial in at least six different
areas: ( I )  quasi-steady load reductions , (2) flutter suppression , (3) reduced fatigue loading,
(4) improved stability and control , (5) improved ride qualities , and (6) reduced margins. The
Flight Dynamics Laboratory of Wright Patterson Air Force Base played a leading role in
initiating the study effort on active controls , and since then groups in Europe as well as the
United States have made marked advan ces in developing the concepts , in building hardware ,
and in testing, both in windtunnels and in full-scale flight.

The problem area is appropriate for joint consideration by the NATO nations , and work
appears to follow logically under the cognizance of the SMP, FMP and GCP. In the October
1973 meeting (the Hague), the SMP held a plenary session on Active Control Devices, in which
five papers were presented. At their April 1975 meeting in Brussels; the SMP held a specialist
meeting on Flutte r Suppression and Structural Load Alleviation , at which eight papers were
presented. In October 1974 , the FMP and GCP held a four-day symposium on the subject
entitled “Impact of Active Control Technology on Airplan e Design”.

At the April 1977 meeting (Lisbon) the SMP held a specialist meeting on Structural
Aspects of Active Controls , at which seven papers were presented. These Proceedings are a
compilation of the papers presented. The specialist meeting covered here was organized and
conducted by the Ad hoc Group on Structural Aspects of Active Controls.

It is hoped that effort within the SMP has helped in the dissemination of knowledge on
the subject and that these Proceedings will help promote useful thoughts and contribute to the
development of means for increasing the safety, performance , and utility of aircraft .

John C.HOUBOLT
Chairman , Ad hoc Group
on Structural Aspects of
Active Controls

Ill
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A PRACTICAL OPTIIWM SZLHCTION PROC~~~RE FOR A

MOTIVATOR IN ACTIVE FLUTT~~ SUPPR~~SION STST~ I ~~~IGN

ON AB A~B~BAfl WITH UN~~~WI~~ ~~~~
L B. Turner

British Aircra.ft Corporation ,

Co~~~rcial Aircraft Division,
Filton, Bristol, Hogland.

C. C. Lodge

British Aircraft Corporation,
Military Aircraft Division ,

Warton, Laucs, Hogland

Abstract

Theoretical active flutter control of a variable sweep wing with external stores with
four combinations of store oonfiguratioa/wth( ewsap/Mach Number was studied. ElectricalLy
modifi•d outputs of a .trcotur. mounted transducer wsr ua.d to driv, an auxiliary control
surface on the wing or store . Tb. beet trsn.dnc.r/foro . positions on the wing and stores
were found using Ny’quist Plots and representing the control surface loads by point forces.

The object was to see if a co~~~n ..cttv flutter control system using a control
surfac. on the wing could be found for a range of stores, Nuch Numbers end wing sweep angles.
Difficulties were due to two inatabilitiaa with close frequ.nci.s in two of the configurations
end very low damping. in some of the stable mod s.

I • INTROI~ CTION ]
The use of active flutter control could heve significant advantages over the established

methods of structural modification and adding concentrated masses. However, if no suitable control
surfac, is already available to act as a activator for an active flutter control system, an auxiliary
control surface suet be introduced .

This paper describes a practical opti~~~ selection procedure for the position of the auxiliary
control surface and the feedback transducer. The procedur. i• illustrated by application to the
contro l of flutter of a variable eweep aircraft with underwing stores.

2. OBJEC TIVE

A theoretical study was made of the use of active controls to suppress the flutter of a
variable sweep wing (Figure 1) with the four cases of store configuration , Mach Number and wing sweep
angle shown in Figure 2. The wing had no suitable control surface already avai lable which could
be used for active flutter control. Therefor. the addition of an auxiliary control surface on the
wing or store was neceesary.

The object was to find the most effective control surface position, transducer position and
feedback law to suppress flutter for each of the four cases. It was also intended to find, the beet
comeon system using a control surface on the wing. This is logistically more appealing than to use
control surface. on each store.

3. MLTH~~WPICAL MODEL

3.1 Basic Wing—ulus—Store Characteristics

Sixteen branch modes for each wing and store combination won, used. These were normalised and
the first eight were used for the active flutter control study. The fuselage was assumed fixed
inboard of the wing pivot. Two dimensional aerodynamic derivativ es were used in a strip theory sense
for the wing flutter aerodynamics. These aerodynamic derivatives were chosen to give the sane
flutte r speeds and similar subcritical charact eristics to those given by three dimensional lifting
surface theories.

Because (i) so.. stable roots had extremely low aerodynamic damping

(ii) the introduction of 1% structural damping into the first three modes excluded most
of the basic store flutters

the study was done with no structural damping in the first three normal mode. and 1% structural
damping in odes I~ to 8.

Figure 3 shove the basic flutter charact er istics for the four case.. Because the instabilities
occur In the first three roots, which are close in frequency, only these roots are shown In the
flutter plots. Notice that for oases 1 and 3 there are two unstable roots close in frequency.
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3.2 Auxiliary Control Sy~~~~

To choose the best position for the auxiliary control surface , the control surface forces
were represented by a point force P

where P ~ ~V a K0 ~(.s) W

~ free stream dynamic pressure

K 0 overall feedback gain

5(s) feedback filter

W = transducer output

This assumes:

(i) the actuator transfer function is unity

(ii) the control surface rotational stiffness is infinite

(iii) the frequency dependent part of the control surface aerodynamics can be ignored

and

(iv ) the inertia forces due to control surface acceleration are negligible.

Therefore, the generalised excitatio n forces due to the contro l surface force acting
on the modal system can be simply represented by:

~A~ P
Where IAI is the vector of modal deflections at the point force position.

The justification for using a single point force to represent the aerodynamic loading due to
control surface rotation is as follows. We consider strip theory representation of the control
surface aerodynamics to be adequate for preli ml T%~ry design calculation s on a high aspect ratio
wing. If strip theory was used, the aerodynamic stiffness forces would be represented by a
point force on each chordwise strip . Therefore, if the strips were the width of the control
surface we would have the single point force representation used in this study.

Assumptions (iii) end (iv) are j ustified in the interest of providing an economio prelir4n~ry
design procedure , while assumption ( i) can be compensated for by a simple filter if necessary.

Generally, the error due to the point force assumption will only be significant at relative ly
high frequencies where it is difficult to accurately model the ..eroelastic data and actuator anyway.

Obviously the most favourable positions given by the point force study should be checked with
a full representation of the control surface forces. The actuator transfer function and impedance
will emerge as requirements from the design study.

14. PLUTTDE CONTROL STST~~1 DESIGN

14.1 Design Requirements

(i) A design speed is chosen below which the aircraft must not be unstable. This is typically
IS% above the maxisum flight speed of the aircraft .

(ii) Stability muet be maintained in a 2~ ft./sec. tuned (1—cosine ) gust at the design speed.

(iii) Overall aircraft •tab ility and control characteristics suet not be affected by the flutter
control system.

14.2 Design Alms

To achieve these design requirements with a simple flutter control system with max~mun
reliability, low sensitivity end ninimin weight penalty, the following are aimed for:

(i) Only one tra nsducer and one control surface will be used.

(ii) Adequate closed loop gain and phase stability margins are to be available at all frequencies
and speeds. This is to cover manufacturing and wear induced tolerances in the feedback
hardware - particularly in the actuator. It nay also be necessary to cover variations in
the basic aircraft transfer function either from the predicted value or from variat ions in
flight conditions such as fuel distribution or altitude.

In this study the requirements will be ± 6 db (i.e. ‘c 2 and + 2) and t because these
are the .srgins in comeon use in control systems engineering.

- 
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(iii) Onl.y first order filters are to be used in the feedback law to obtain the meoesssry phase
changes and attenuations. Notch filt.r will not be used to remove the response of an
undesirable structural mode as this crea tes a sensitivity problem due to either Inaocurste
prediction of the modal frequency or its variation with flight conditions or fuel state .

(iv ) To avoid sensitivity to uncertainties in the control surface aerodynamics and the actuator
transfer function , response of the high r frequency modes in the feedback signal will be
filtered out.

(v) No feedback gain and phase scheduling with speed will be considered.

(vi ) A cosuon feedback system which can be used for all four cases will be searched for .

14.3 Design Procedure

For each case:

(i) Produce Nyquist Plots at the design speed for a range of ocmbinationa of point load and
transducer positions.

(ii) Choose,for each Nyquiet Plot from (i), a feedback gain and a filter which make the unstable
modes stable , and the stable modes rema in stable , with the best possible gain and phase
margins.

(iii ) Choose the best force/transducer position combinations tsking into account the Design Aims.

(iv ) For each of these chosen combinations produce Nyquist Plots for speeds below the design
speed to see if a simple constant control law would satisfy the Design Aims at all speeds .

(v) Find the m~~ 1~~m~ force required (from which the size and rotation of the control surface,
and the actuator characteristics such as rate limit , are obtainable) by calculating the
response of the controlled structure to a tuned 25 ft./sec. (1—cosine) gust at the design speed.

14.14 Point Force and Transducer Positions Investigated

The point force positions considered on the wing (Figure 14) were five spanvise stations at
55% chord (representing forces due to 25% chord trailing edge control surfaces) together with twenty
chor dwiee positions near the wing tip. The wing transducer positions (Figure 14) were fifteen
vertically and five measuring streamwise incidence.

The force and tran sducer positions on the stores (Figure 5) were vertical and lateral at
each end of the store with two rotation transducers measuri ng store pitch and yaw. System designs
using store excitation have been produced pure ly for comparison purposes , since it is well ~~own
that design of store excitation systems is relatively straightforward.

From operational considerations it is best to have both the control force and the transducer
on the wing. Next best is the force on the wing and the transducer on the store . Howev er , this
combination is probab ly unacceptable because of the possible unreliability of any tr ansfer function
across the store /wing junction. Therefor e the study baa been with the force and transducer on the
wing or both of them on the store .

5. RESWJPS OF PLUTT~~ CONTROL SYST~~ DESIGN CALCUlATIONS

5.1 Basic Aircraft Characteristics

Figures 6 and 7 show the basic aircraft flutter characteristics and the design speed frequencies
and dsmpings.

At the design speed:

Case 1 has two instabilities , at 14.1i2 ha . (— 1.56%) and 14.73 ha. (— 1.08%). There is low
damping in the stable roots at 10.147 ha. (1%) and 35.014 ha. (1.148%).

Case 2 has en instability at 6.27 ha. (—1.87%) with very low damping at 8.09 ha. (0.26%) and
low damping at 11.8 ha. (0.98%) end 214.8 ha. (1.31%).

Case 3 has two instabilities, at 6.28 ha. (—1 .93%) and 6.73 ha. (—6.12%) with low damping
in the stable root at 9.57 ha. (o.88%).

Case 14 has an instability at 7.014 ha. with a small negative damping of —0.142%. However the
second root at 6.21 ha. has an extreme ly small positive damping of 0.06%. There is also low damping
at 9.69 ha. (1.09%), 15.16 ha. (1.33% ) , 36.014 ha. (1. 149% ) and 56.3 1 ha. (2.09%).

5.2 Chosen feedback srstems

The Nyquist Plots for all combinations of force and transducer position , for all four cases
at their design speeds were produced. Then the Ny-quiet Plots for the most promising force and
transducer positions were produced for speeds below the design speeds. From these the chosen best
nine combinations of force and transducer on the wing era shown in Figure 8.
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5.3 Case 1 Fogoe and Tra nsducer on the wing (Figure 9)

Prom the point of view of double snticlockwise encirclement of the (—1 ,0) point to utab ilise

the two instabilitie s at 14.142 and 14.73 ha. the only forces at 55% chord to give reasonable results

are P12 and P96.

For these force positions , the useful transducer positions are Wi , W12 , W21 and 0(110 to 0(1114.

However, higher modes (in particular, 16.14 ha. end 30.14 ha.) cannot be filtered out using
first order filter. (either single or in cascade ) so they can only be removed by doub le integration
and changing the sign of the feedback gain.

The best r~~~4’~I”g of these is P96/ 0( 110.

For 0(110 , loads were oonsidered at a range of chordvi se positions along the wing tip. From
these the chosen feedbacks are P90 and P100. As the gain end phase margins are similar for these
two load positions any force position between these two (including P96) can be expected to be as

acceptable. This has the advantage of insensitivity of the feedback system to centre of pressure
of the aerodynamics.

Whereas the gain margins are adequate , the phase margins at the design speed axe as low as

± 30
g. These phase margins improve as the speed decr eases.

5.14 Case 2 Force and Transducer on the Wing (Figure io)

P12 excites the unstable mode well relative to the other modes. For P12/W85, the velocity
feedback will have to be integrated to avoid large response at high frequency snd a high pass
filter is then required to remove the low frequency response and balance the phase margins.

As the force moves outboard along the 55% chord line, the Ny-quiet Plots are spoilt by higher
mode response, particularly the 8.09 ha. mode, which tend to distort the flutter mode circle6
This is noticeable with PIOO/W143 where the 8.09 ha. response is the reaso n for the low ( t  25 ) phase
margins. Note that this (

~.09 ha. mode has only 0.26% critical damping and its effect would be 1
considerably reduce d if it were given 1% structtt’~al damping!

Similarly, but more realistically, the other chosen feedback , P90/ 0( 110 loses phase margin
because the large response in the 6.22 ha. stable node distorts the flutter mode circle .

5.5 Case 3 Force and Transducer on the Wing (Figure i i )

Again, double encircling of the (— 1.0) point is required. For transducers at 55% chord along
the wing and wing tip forces between 25% and 75% chord : most plots are spoilt either by large
responses in higher modes , particular in the lightly damped 9.6 ha. mode , or by poor phase margins
due to distortion of the 6.73 ha. mode response .

Of the chosen , P90/Wi baa small phase margins at the design speed ( ±  32°) and would benefit
from phase schedulin g with speed because of the large phase lag of the unstable modes going from
the design speed to the flutter speed.

For P100/W85 the phase margins are very small (< ± 15°)

5.6 Case 14 Force and Transducer on the Wing (Figure 12)

Whereas we would expect the 7.014 ha. node to be easy to stabi lise because it is only just
unstable (—0. 143% critical damping), the presence of the extremely lightly damped (+0 .07%) mode
near by at 6.22 ha. creates proble ms.

Because of this, and the large response in the 36 ha. node when the loading is aft on the
wing tip, the best force position is forward on the wing tip.

Hence , P90/WI and P90/0(1114 were selected. Both give good gain and phase margins.

5.7 Effect of Flutter Control System at 0ff—Design Cond itions

Figure 13 shows a typical variation of Ny-quiet Plot with speed. The example given is for
inboard slope ( o 110) feedback to a wing tip trailing edg. control surface (P100) for case 1 at
speeds below the design speed. The second and third Ny-quiet Plots show the second root lobe
expanding as the speed reduces and the root becomes less unstable (0.1473 YR) until it has a 180° phase
shift and rotates clockwise when it becomes stable (0.14114 YE). The next two Nyquist Plots show the
same happening to the first unstable root going from 0.3% YR to 0.296 YR .

As the speed reduces further , the lobes contract (0.237 VR) as dampi ng increase s, then expand
(0. 118Th ) as the aerodynamic dampings reduce . With the reduction of the aerodynamic forces , the
lobes rotate toward s the zero speed phasing.

At very low speed there is generall~ a danger of feedbac k instability due to very low open
loop damping (structural alone ) and a 180 phase shift becau se the inertia force now dominates
the control surface force. This is particularly so when velocity feedback is used.

- ---~~ -~ - — ~~~~~~~ — —~-- ——.——— ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~ 
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Figure 114 shows the corresponding closed loop frequencies and damping. against speed. Also
shown are the gain and phase margins .

Figure 15 shows , for the same feedback law , the closed loop frequencies and damping, against
feedback gain at the design speed. Notice there is a msximom possible closed loop damping of about
3% for the first unstable root and about 1% for the second unstable root.

5.8 Su~~~ry of Re sults for Force and Transducer on the Wing

Figure 8 shows the chosen nine feedback systems with force and transducer on the wing .

For aix of these , the force or transducer is at the inboard end of the wing where the modal
deflections are small. Because of this, it is necessary to include the aircraft rigid body and
fuselage modes in the analysis.

Also , the rigid body mode s need to be include d because the chosen control systems use dis-
placement , or integrated displacement, feedback and it is necessary to check that high pass filters can
be used to prevent the flutter contro l system from affecti ng the overall aircraft stability and control
characteristics.

No co on system inside the Design Lime was found , nor did it appear likely that one would be
found even if gain and phase scheduling, and notch filters , were allowed.

However the beBt oonoon system used a force at the wing tip at 25% chord (P90) together with
inboard slope ( o i io )  feedback for inboard stores and inboard leading edge displacement (Wi ) feedback
for outboard stores. For this conoon system , the phase margin requirement would need to be relaxed
to about ±30 at 5 ha.

Therefore an all moving tip locks the moat promising motivator but its aerodynamics forces are
uncerta in and need to be investigated.

5.9 Control Forces on the Store (Figure 16)

The feedback systems using a control force and tran sducer acting vertically on the store front
are excellent because

(i) they provide ± 6db and ± 60° margins at all speeds ,

(ii) a simple feedback law invariant with speed can be used ,

(iii) a co~~~n force/t ransducer position can be used for all four store /wing sweep/Mach Number
combinations.

For each case , the behaviour of the velocity transfer function is like that of a system of un-
coupled , lightly da~ped single degrees of freedom, where the unstable modes are separated from the
stable modes by 180 giving perfect stabili ty margins.

Also there is no response in higher frequency nodes because each store on its pylon acts as a
mechanical filter .

This mechanical filter and the velocity feedback remove the possibility of closed loop
instability of high frequency modes. The velocity feedback reduces interference with the overall
aircraft stability and control.

This is merely a manifestation of the importance of structural damping on store flutter which
has provided , and continue s to provide , effective passive flutter suppression .

6. GUST RESPONSE CALCULATIONS

The response to a 1-cosine gust of amplitude 25ft./sec. and tuned to give ~~~~~~~~ response in
the flutter modes was computed at the design speed at sea level with the feedback system operat ing.

This showed that the force that the contro l surface suet be capable of producing to make this
response stable depend s upon its position.

Control Surface Position Approxi mate Required For ce

Wing Tip 3,000 lb

Wing Root 7,000 lb

Store Front 1400 lb

These results show a surprisingly small difference between the required forces at the wing tip
and wing root , and an even more surprisingly small force required on the store compared with the
force required on the wing tip .

________
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7. DI8~~~8I(~~ ~~

This eoo~~~ 4cal study has revealed that in order to proo..d f~~ther we need a better rep-
ressntatian of a wing tip control surfaoe, including control aerody~~~ioa, i~~~tia and actuator.

Without this, no oo~~~n feedback ~~~t.s oculd be f~~~~ for a foros and transducer em the wing
which satisfied the Design Ai for all f~~~ cease. .. diffiemlti.a were inly to

(i) two instabilities at wry close frequenciea

and (ii) very- low d~~~ings in ~~~~ of the stable modes.

In addition, overall aircraft modelling is essential since problese with rigid body dy~~~ics
are likely.

It is possibl, that the sear ch for a oc~~~~ iystem would be more miooessfu . if there was a
bitter repaseantaticu of the struc~~~al d~~~ing • the Design Lime were relaxed. In partioular, it
would be easier if the stability margin requirseants were reduced. Also, using more then on. ~~ans—
ducer ~~~ help.

~~~ excellent results for the fc~~e and transducer on the atore are interesting bat the if—
ficulty in using such a system probably ashes it impractical. ~~~~ver the .ll forces required em
the store probably ens that it is easy to suppress the flutter passively using a aechenical d~~~.r.

8. RiC ii~~~~~i~~~ i~~ —

(1) InvestIgate the aerod~n ics of am all moving wing tip

(2) Confir m the flutter control efficiencies of the chosen syst. when ocultrul ~~~taoe aerody~~~ics
and inertia , total aircraft modes are included. Define the actuator requirements for active
flutter control.

(3) Invest Igate the effect of the active flutt er control system on the clean wing stability. Define
the actuator requirements to avoid introducing control surface flutter.

(1) Investigate the effect on active flutter control requirements of:

(i) varying fuel distribution In the wing and store,

(ii) varying store attac~~~nt stifAi.is end inertia properties

(iii) using leading edge control surfaces.

(5) Imve.tigate the use of more t~~~ one transducer In a flutter control syaten.

(6) Review the gain and phase margin requirs.snts for a flutter control system.

9. C0~~LCDIL R~ I&RIS

(1) The procedure described hers is based upon the use of ~~‘quist Plots. Using it with a point
force to represent the loading due to a control surface on the wing facilitates an economic
first a.aes snt of the opti~~~ position for an active flutter control system motivator.

(2) For a variable sweep wing with underwing stores, no oo om active flutter control system using
a control surface on the wing was found which gave good stability margins for four co.bimtions
of Mach Pseber, wing sweep and store configuration. ~~

. best c~~~~n eyst.m found used an all
moving wing tip.

The enthors .mphaai.e that the views expressed in this paper are their own.

This paper contains results which were achieved under contract for the British Ministry of Defence.
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Fig. 1 Swing wing

CAS E STORE AND POSITION MACH No. WING SWEEP

e
1 STORE A INBOARD 0.8 25

5 1~2 STORE B INBOAR D 0.8 25

3 STORE C OUTBOARD 0.9

4 STORE C OUTBOARD 1.35 45°

Fig.2 Design cases
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0~ 314V R 7~~% 5  2 4 1

I. 0 $ O 5 V R  0~ 62 1VR 7 - 1 3  Hi 1-30

VR = reference speed

Fig.6 Basic aircraf t charac teris t ics

CASE 1 CASE 2 CASE 3 CASE 4

FREOUENCY °/0 CRITICAL 
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________ 
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~ 
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Fig.7 Design speed frequencies and damping
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I
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v 2
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2 i V 2
P90 o( ll0 S. 22~5 

-22 ~ 106 (o.57svR)

P100 W43 .
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I V 2
P90 °~ 114 (S .6)2 5 .11 ~ 1o6(o.805vR)
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(S. 6)

FEEDBACK LAW : P K f ( s )  W

P = PO INT FORCE
K = FEEDBACK GAiN

f ( s )  = FEEDBACK FILTER
W = STRUCTURAL VELOCITY

Fig.8 Chosen best flutter contr ol systems with contro l surface on the wing
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IMPACT OF A COMMAN D AND STABILITY AUGMENTA TION SYSTEM ON GUST
RESPON SE OF’ A COMBAT AIRCRAFT

by

K .D .  COLLMANN
VER EINICTE FLUGTECHNISCHE WERXE - F OKKER GmbH .

2800 Bremen 1, Pos tfach 1206 - W. -Germany

and

0. SENSBUR G
MESSE R SCMMITT- BbL I (OW -BLOH M GmbH.

Unter nehmansbereich Flugzeuge
8 Münch en 80 , Poatf ach 801160 - W. -Germ any

INTRODUCTION
Calculations of transfer functions to predict the structural response of elastic

aircraft to gust , manoeuvres , ol landing impact excitation are becoming increasingly
elaborate , and yet produce result 3 which show only limited agreement with experimen-
tal results in return for extensive and time—consuming computation . The theoretical
principles and their linearized versions required for these computations are well
known. In order to reduce the discrepancies between theoretical and experimental re-
su lts , input data , interim results , and part of the final results of the calcula-
tions are compared with corresponding experimental results and corrected to agree =
with those , Ref. (1~ , L2 1 , 131 .

To get r easonable results for gust response calculat ions it is necessary to intro-
duce the elastic aircraft behaviour as well as the command and stabilit y augmentation
system (CSAS ) into the mathematical model. Once these techni ques are established they
can be used for any kind of control law including CCV technolog ies.

In this paper it is demonstrated how calculation results are influenced by using
aerodynamic interference air forces. In the second part the influence of the CSAS is
presented. Considering that all important elastic degrees of freedom are used to-
gether with a CSAS-model and unsteady air forces are calculated with interference in-
fluence the analysis becomes very expensive and computer-time-consuming. To reduce
this heavy work load it is necessary to find out negli g ible parameters and also high-
light the influence of important ones.

The figures in this paper show that the influence of the CSAS on the dynamic re-
sponse is of prime interest and often exceeds the influence of the elastic structur e
by far.

It is also shown that the unsteady aerod ynamic forces should be determined with
three—dimensional theories including interference and that corrections to match the
steady derivatives measured in the wind tunnel should be made.

The impedance function , control loop transfer functions are highly nonlinear due
to the nonlinearities of the hydraulic actuators. All these functions muat be deter-
mined experimentally and introduced into the elastic aircraft equation. Respon se
plots of the total system should be calculated and compared with results of so-called
“structural mode coupling tests ”. If correlation is good a major part for the inves-
tigation of structural response of the aircraft due to various inpu t functions is
verified.
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1. SYMBOLS

A k )  defined in equation ( 3 )

Q matrix of generalized structural damping

a k ) vector of frequency response function relating
the response of generalized coordinates to a
sinusoidal turbulence

vector of frequency response function relating
the aircraft response to a sinusoidal turbulence

k reduced frequency

K generalized structural stiffness matrix

M generalized mass matrix

N0 number of zero crossing s

q vector of generalized coordinates

variance function or mean square

matrix of actuator transfer functions

matrix of control surface impedance

matrix of frequency response functions of CSASq relating the actuator input to a sinusoidal dis-
placement of the generalized coordinates

1st, matrix of frequency response functions of CSAS
‘1 relating the actuator input to a sinusoidal dis-

placement of the generalized coordinates

matrix of frequency response functions relating
the required aircraft response to sinusoidal gen- -

eralized coordinates

x ( t )  vector of output functions

actuator input displacement

vector of Fourier transformations for x

y ( t )  vector of input functions

vector of Fourier transformations for ~

f3 vector of control surface deflections

input power spectral densit y

output power spectral density

vector of generalized forces due to motion

0
M 

matrix of generalized forces due to sinusoidal
displacements of generalized coordinates

— 
——



vector of generalized forces due to excitation

vector of generalized forces due to CSAS

circular frequency

2. THE EQUATION OF MOTIONS OF A FREE ELASTIC STRUCTURE WITH CSAS

To describe the dynamical behaviour of an elastic structure that can move freely
in the space the following assumption must be made:

a) The elastoinechanical behaviour can be described by linear equations . This
assumes that the elastic deformations are small compared with the dimensions
and the motions of a structure and it requires the validit y of the Hooke ’s
Law.

b) The dynamical behaviour can be described by linear relations . This implies
the applicability of the small perturbations method.

c) The specific weight of a structure is invariant (for instance fuel consump-
tion is not considered).

d) The elastic structure having an infinite number of degrees of freedom will
be replaced by a system with a limited number of degrees of freedom. For
this idealization it does not matter whether the deformations are a finite
sum of assumed modes or whether they are described by the motions of a 3
finite number of discrete elements.

A system of linear equations can be written in a matrix form.

Mq + D~~+K q~~Q~~ (g,q,q)÷Q~~(t ) (1)

The order of the quadratic matrices and the number of column of the vectors is
determined by the number of rig id body and elastic modes which are considered. The
elastic modes used are the primary vibration modes of the free—free elastic structure.
This is a common but not necessary procedure. If the orthogonal coordinate system
having its origin in the center of gravity is referred to the princi pal axes of the
structure then the matrix of generalized masses ~j and generalized stiffnesses ~~ is
a diagonal matrix because the rigid body degrees of freedom as well as the elastic
degrees of freedom fulfil the known orthogonality condition. For the elastic de-
grees of freedom the elements of matrix fl are the generalized structural dampings .
The generalized forces on the right side of the equation are arising from motions

and from excitationsL~~).

This paper deals only with the solutions of the equations in the frequency domain
Ref. 43 . Choosing this method has the advantage that the important functions - actua-
tor impedance , CSAS transfer functions and unsteady aerod ynamic airforces — are avail-
able in the frequency domain. The PSU-Analysis to determine structur e fati que life is
a direct result of this method. The Fourier transformation of equation (1) leads to

~~~~~~~~~~~~ ~~~ 
(2 )

or A (w) 2D
(w)

with A(w) = -~
2 M+ iW O +  -

The transfer function of the elastic system can be determined from

~~~~~~ 
( (W)F 1 

2D~~~~ 
(4 )

-h—-’- ~~~~~~~ - ~~~~
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The frequency responses of other parameters like the total motions , the velocities ,
accelerations and of the forces , moments and stresses can be described by the trans-
formation

H0(W) !~H(W) (5)

This transformation is usually rep laced by other analysis methods for the sake
of numerical accuracy~Ref . [41 . With any kind of deterministic excitation the response
in the frequency domain can be calculated from

X (w )= H0(w) V(w) (6 )

where Y(cj) is the Fourier transform of the excitation. The response in the time
domain is defined by the transformation

• x ( t )= J X ( w) e IWt dw (7)

For stochastic excitation the power spectral density of the response is obtained
from

.~~
(w )= I~0(w) I 2 

~ y (W) (8)

where ~y(~) is the power spectral density of the excitation. The variance or mean
square values can be determined from

(9)

and the number of positive zero crossing s from

~ = ~~~~~~ (w 2
~~.w d w  (10)

Xi e

In Fig. 1 the control system is shown. The aircraft is the system to be controlled.
Responses of this system are the generalized coordinates

COMMAIID AND sTABILITY
AUGMENTATION 5Y5TEM

FIG. 1 BLOCKDIAGRAM OF THE AUGMENTED AIRCRAFT
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The system is excited by gusts or buffeting (changes of the airplane angle of
attack) or by manouvres (signals to the actuators of control surfaces). In addition
to the external excitation s the control system generates input signals to the actua-
tors. The generalized excitation force of equation (2) can therefore be partitioned
into the external excitation force and into the force produced by the control system.

(11)

The impedances of the hydraulic actuators are strongly frequency dependent . Cal-
culation of frequencies and primary modes considering the actuator stiffneases leads
to an Eigenvalue problem with comp lex frequency dependent stiffnesses . It is not nec-
essary to solve this problem if the normal modes are determined with infinitely stiff
control surface attachments. The elastic deformation of the control surfaces must be
contained in the~ modes. The degrees of freedom missing in these modes can be intro-
duced later by additional attachment modes (secondary modes). It should be borne in
mind that the orthogonality condition is no more fullfilled using primary modes and
secondary modes. For this reason the mass matrix will have of f diagonal elements.

The amplitudes of generalized coordinates for the primary modes will be described
by the vector ~ and for the control surface rotations (secondary modes) by the vectorj3.
Equation ( i - i )  can now be written down. —

~ qq 
~~~~ ~~. = ~ qD 

+ (12)
~~~~~~~~~ 

.~pp ft 
~pD ~3R

From the princip le of the virtual-work it follows that the components of the am-
plitude vectors Qqn are the moments of the control surfaces and these must be zero
because the primary modes contain no control surface motions . The vector of the ac-
tuator moments shall be described by the following relation

~ 3R ~~~~~~~~~ 
(13)

It is assumed that the dependence of the control surface moments from the actuator
inputs can be described by linear transfer functions. The coefficients of the matrix

are the control surface impedance which are the reaction moments of the actuators
due to control surface motion. The second product of equation (13) is considered to be
a part of Qg~ . According to equation ( i i )  T~~ is the matrix of control surface stiff-
nesses and therefore an additive term of matrix ~ pp .

Due to the motion of the airp lane, input signals to the actuators of the control
surfaces are generated. Since the motions of the elastic structur e were developed in a
finite number of rig id body modes and primary modes the input signals can be described
as a function of generalized coordinates

(14)

The coefficients of the matrix ~ Rq axe the transfer functions of the control system
including the sensors multiplied with the amplitudes of the primary modes at the sensor
stations . The coefficients of the matrix are the input sig~’a1s which for instance
arise from mechanical inputs to the actuators due to different o~ formations of the
structure and the control rods and are therefore determined by thc vibration modes.

~~ therefore only describes the actuator input signals introduced by the control
system. Reactions of the actuator inputs due to control surface moment s are not con-
tained in Xe~ How to determine the matrix coefficients of equation (13) and equation
(ik) experimentall y is described in Ref. (51 , 161 , (71 or the respective literature. If
the control surfaces are not dependent upon each other then only the main diagonal
elements of the matrixes of equation ( 13) and equation (14) are not zero. Equation (13)
and equation (14) inserted in equation (12) give

~~~qq 
~~~ q~~3 a. 2qD

(15)

~~3 -Jpp .
~~ 

2po
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3. INTERFERING UNSTEADY AERODYNAMIC FORCES

The effect of interference between control surfaces of an aircraft in steady flow
is well known and is introduced in flight mechanics by theoretical estimates and meas-
urements. Neg lecting these terms would lead to wi-ong flight mechanical results.

The aerodynamic interference is also important for unsteady flow. To estimate its
impact is much more difficult considering that no corresponding unsteady measurements
are available to aid these estimates , After a few flutter accidents especially on air-
planes with ‘F-tails the interference between harmonicall y oscillating surfaces was
analytically investigated. The first topic which was investigated was the interference
between tailplane and fin es pecially for the T-tail , Ref. (81 , (91 . After instabilities
created between tail and wing interference became known the theoretical investi gation
of interference between all surfaces was considered ,Ref . [101 . A surface method was
developed by B .Laschka which was used to create the results shown here ,Ref. [iii . Ex-
perimentally the method was substantiated by J.Becker in Ref. [121 . The unsteady rudder
air forces were calculated with the so-Called equivalent slope method ,Ref .t133 . Good
correlation of these analytical air forces with experiment was presented in Ref. [ik] .

In earlier gust calculations without the complete consideration of the theoretical
interference the downwash of the wing on the tailp iane was estimated and considered by
introducing a downwash factor for harmonical motion. This downwash (due to motion)
depends upon the angle of attack of the wing and can be easily introduced for the heave
motion (ci ~ constant ) but for an arbitrary O~-distribution on the wing a useful estimate
is extremely difficult.

Fi g. 2 shows analytical air force distributions in spanwise direction with and
without interference for the symmetrical case (heave—motion ) on the wing and on the
tailp lane . For the wing there is practically no interference effect whereas on the
tailp iane there is a considerable reduction of the air force and also a reversed phase.
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Fig. 3 shows corresponding r.aulta for antisymmetrical motion of fin and tail-
plane. The air force distributions c*i the fin show in additon to the results with and
without interference the results of the calculation with a fin which is symmetrically
extended. It is shown that this method almost gives the same results for the fin as
the consideration of interference. For the tailplane there are considerable differences.

The last section of this chapter deals with the correction of analytically
determined air forces by measured value.. Between calculated and experimental air
force distributions and their corresponding derivatives there are dift erences which
cannot be neglected. There are various reasons of this differences like boundary
layer thickness effects , fuselage interference etc. In general there are only test
results for stead y flow available , mainly derivatives for certain parts or for the
total airplane .
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Uns teady pressure distribution iiteasurements especially for elastic motions are
very seldomly available to that a correction of theoretical air forces due to elastic
motions is practically impossible.

For the rigid body modes a correction of the theoretical air force distribution
and/or derivatives is possible and necessary because usually test results are avail-
able and the loads are mainly determined by rigid bod y modes. To adjust the theoreti-
cal derivatives to test results the analytically determined downwash is modified lo-
cally or globally depending whether a distribution measurement or measured derivative.
for the rigid body modes are available. For that reason it is necessary to find a
correspondance between the stationary flight mechanical and the unsteady aeroelastica l .
method. For the stationary case (k—’ O) these relations can be found. It should be
noted here that the two-dimensional unsteady theory is not app licable for some deriv-
atives because there stationary values (k~~~ 0) become singular whereas the three-dimen-
sional theory leads to useful results which can be used to comp lete the stationary
derivatives.

In Fig. 4 a comparison of unsteady gust air forces on the tailplane and on the
total aircraft with and without interference is given. It is also shown how a matching
of the stationary values (k 0) influences the results. From this picture one can
deduce that the calculation with interference alread y gives a good match of the station-
ary values. Not considering the interference aerodynamics produces much bigger gust
forces on the tailp iane.
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4. IMPACT OF AERODYNAMIC INTERFERENCE ON THE DYNAM IC RESPON SE

The dynamic response calculations were made using the unsteady airforces described
as follows :

a) not interfering (corrected)

b) interfering (corrected)

c) interfering (not corrected)

In Fig. 5 the root shear force on tailplane and wing is presented for discrete
gusts with various length. Here it is shown that the influence on the wing is small
compared with that on the tailplane.
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5. DYNAMIC RESPONSE CALCU LATIONS WITH AND WIThOUT CSAS

This chapter deals with the impact of the Command and Stability Augmentation System
(CSAS ) on the gust response.

The airplane we are discussing here is the first operational sweepable wing aircraft
featuring a triplex analogue fly—b y-wire control system , mechanical emergency control
and automatic stabilization , The primary flight control system provides pitch , roll and
yaw control by means of an all moving tailplan e (taileron ), a conventional rudder , and
wing mounted spoilers. The tailerons operate in phase for pitch and differentially for
roll control. The spoilers give augmented roll control at unswept and intermediate wing
positions at low speeds , and also act as lift dumper after touch down.

The flying control surfaces are actuated by tandem hydraulic jacks, Two comp letely
separate and independent hydraulic systems provide fully duplicated power for the pri-
mary and secondary flying controls. The control stick and rudder pedal movement is
picked ofT by triplex electrical position sensors which generate the command signal. to
the CSAS .

The main sensors for feeding back the aircraft motion are rate gyros. Both , the
command signals and the feedback signals are passed through appropriate gain schedulers
and filters before they are f ed to the control surface actuators . As main scheduling
parameters dynamic pressure , wing sweep and a flap switch signal are used. For i.~
proving the rolling characteristics , especially turn entry and turn exit , a roll to
rudder interconnect is implemented and scheduled with a p itch stick increment signal
in addition to the forementioned scheduling parameters.

In pitch axis signals are added , which compensate for the pitching moments gen-
erated by airbrake and flap deployment .

A block diagram of the main elements of the CSAS and the CAS is shown in Fig. 6.
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In Fig. 7 the wing root bending moment for vertical (1-cos) gust is depicted.
These bending moment, are presented for the rigid and elastic mathematical model with
and without CSAS. For the elastic mathematical model two rigid body modes - heave and
pitch - together with 15 elastic modes of the free-free structure were used. The CSAS
was considered by three degrees of freedom of the all inoveable tail. - 
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One can see that the considerable influence of the CSAS on the wing root bending
moment is only apparent for the low frequency reg ime. This means that in the frequency
regime of the elastic modes the influence of the CSAS is negligible whereas it must be
introduced in the low frequency regime near the short period mode frequency to get
realistic structural loads due to gusts.

Fig. 8 shows the bending moment , the shear force and the torsional moment on the
fin root due to a lateral (1-cos) gust. These results were also derived with a rigid
and an elastic mathematical model with and without CSAS . For the antisymmetrical
mathematical model three rigid body degrees of freedom - side translation , roll and
yaw - together with i8 elastic modes were used. The CSAS was considered with four
modes. Fig. 8 shows similar results for the fin root as Fig. 7 for the wing as far
as the influence of the CSAS is concerned.
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Fig . 9 shows the transfer function of the fin root shear force and of the lateral
acceleration on the fin leading edge tip with and without CSAS.
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FIG. 9 FIN TRANSFER FUNCTIONS FOR LATERAL GUST

It can be seen from this picture , that there is a big influence of CSAS on Fin
Shear Force is considerable. This can be explained by the fact that the gust spectrum
( integral of equat ion 9) is mainly determined by th e inf luence of the low f requ ency
amplitudes.

In Fig. 10 the frequency of exceedance of the wing root bending moment due to
vertical stochastic gust excitation and the shear force on the fin root due to lateral
stochastic gust excitation is shown . These results were calculated with the mathemati-
cal model described for Fig. 7 and 8. The constants used for this calculation were
taken from the US-Airforce Military Specification 886i A (May 1960). The influence of
the CSAS on the fin root shear force is considerable.
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Th. last part of this paper deals with the influence of CSAS on response calcula-
tions due to manoeuvre. In order to sort out the different influences three different
kinds of tail piane movements were considered :

a) the theoretical trapezoidal tailplane movement

b) the trapezoidal tailpiane movement multiplied with the actuator functions

c) the trapezoidal tailpiane movement multiplied with the transfer function of the
command augmentation system (CAS) and the actuator.

These three tailplane motions are presented in Fig. 11 .
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These three motions were introduced as tailpiane manoeuvre input into the rigid
and elastic mathematical model. In Fig. 12 the vertical acceleration of the center
of gravity is depicted.
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The corresponding vertical accelerations on the wing tip are presented in Fig. 13
and the tailpiane root shear forces in Fig. 14.
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Tu~ ether with the responses of the uncontrolled aircraft for the three different
tai lplane modes in Fig . 12 to 14 the responses with the full CSAS are also plotted.
The mathematical model used , was described for Fi g. 7 .  Figs.  12 -14 show that the
consideration of the actuator transfer function reduces the vertical acceleration as
well as the root shear force on the tailplane more than 10 %. The introduction of
the CAS g ives only a time shift of the maxima of the plotted accelerations whereas
the tailplane root shear force is reduced more than 20 %. The mathematical model with
the full CSAS reduces the structural loads about 25 % - 35 % compared with the re-
sponses without CSAS and trapezoidal excitation.

A comparison of the responses for the elastic and rigid mathematical model shows
that the influence of structural elasticit y is small. A reasonable explanation for
this small influence is the low excitation frequency having a big frequency distance
.to the first elastic mode. The responses for the trapezoidal excitation show for the
elastic model that higher modes of the elastic structure are excited. This can be
explained by the fact that this excitation carmot be steadily differentiated which
does not occur for the other forms of excitation. Such an excitation of higher modes
is therefore a result of a theoretical model of a tailp lane motion which does not
occur in flight .

An intensive study of all responses show that the CSAS must be very carefully
introduced into the mathematical model to determine structural loads due to manoeuvres
whereas the elastic behaviour can be neglected if there is enough frequency space
between the main frequency of the excisting manoeuvre and the frequency of the first
elastic mode .
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ACTIVE F LUTTER SUPPRESS ION ON AN AIRPLANE WITH
WING MOUNTED EXTERNAL STORES

by

H. HöNLINGER
MESSERS CHM XTT-BOLK OW-BLOHM GmbH.

Unternebmensbereich Flugzeuge
8 HUnchen 80, Postfach 8O1160,-W.Germany

1. INTRODUCTION

After a successful application of active flutter suppression on wing store and
empennage flutter problems [ i] ,[2),[31 in wind tunnels an extension of this technology
to a full scale airplane was considered to be rewarding. The effort was focused on the
flight test of a wing/store flutter suppression system (FSS) with store mounted vanes.

This program started in 1975 with the design of the system and the instrumentation
of a FIAT G 91/T3 as flying test bed. Flight test was finished in Febr. 1977.

Test objectives of this study were :

. Provide first flight experience with FSS on external stores

- Substantiate and demonstrate a new method for flight flutter testing wing mounted
external stores by use of this FSS (Automatic Mode Excitation System — AMES)

This work was carried out under the ZTL research contract for the German Ministry
of Defense by the MBB structural dynamics group. The flight test was performed by
BWB - LG IV 8 - and E 61 at the German Airforce Test Centre at Manching.

ACKN OWLEDGEMENT :
The author wants to express his appreciation for the E-Stelle and LG IV 8 who per-

formed all the flight operations. Especially Herr Koark - LG IV 8 - was contributing
a great deal to the successful performance of the program.

2. DESIGN OF THE FLUTTER SUPPRESSION SYSTEM

2.1 Selected Store ConfiEuration

The G 91/T3 is flutter free within its flight envelope when carrying its external
store inventory. Therefore trend studies were performed to evaluate a critical store
configuration which can be simulated by a ballasted 520 ltr. tank (flutter tank) .
Fig. 1 shows the flutter calculation for the finally selected critical tank configura-
tion.
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FIG. 1 FLUTTER SPEED VERSUS DAMPING AND FREQUENCY

~~~ ~~~~~~~~~~~~~~~~~~~~~~~~ 
~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~



Two modes , shown in Fig.  2 , wing bending at 11.39 Hz and store pi tch with wing
torsion at 14.15 Hz are causing the flutter case which we intended to suppress.

MOOE 2 1139 Hz MODE 3 14.15 Hz

7

4$
FIG. 2 VIBRATION MODE SHAPES

2.2 Control System

The damping of vibration or flutter modes of wing mounted stores by oscillating
vanes creating aerodynamic forces was tested in the wind tunnel to be a very effective
way and should now be applied on an airplane. The block diagram in Fig. 3 shows the
control loop of the airplane with the FSS.
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The control signal is produced by two accelerometers located in the forward and
rear part of the flutter tank. This signals were added and integrated to give the
pitch angle of velocity of the flutter store which is u~’ed as input signal to the
hydraulic actuators driving small vanes attached at the forward part of the store.
The vanes oscillate in such a way that the generated airforces counteract the pitch
motion of the store like a velocity proportional damper. The steady aerodynamic
derivatives of the A/C were not influenced by these vanes and therefore no change
in the flight mechanical behaviour was expected . For optimization of the phase between
control signal and angle of attack of the vanes a manual phase shift device was pro-
vided in the control loop.

2.3 Analysis of the Control System

An analysis of the airplane with control system was carried out with a computer
program developed at MBB[13]. This analysis predicted that the system could be suc-
ce~~ fully applied. An explanation of the applied Nyquist Criteria is shown in Fig. 4.

SYSTEM STABLE OPEN LOOP SYSTEM STABLE OPEN LOOP SYSTEM UNSTABLE OPEN LOOP
STABLE CLOSED LOOP UNSTABLE CLOSED LOOP STABLE CLOSED LOOP

= 

-

~~~~~~
pc

~~~~~~~c~~~

AMES F55

FIG. 4 NYQUIST STABILITY CRITERIA

In Fig. 5 the Nyquist diagram for v 500 kts for the airplane with FSS is de-
picted. It shows that the mode to be controlled is stable. With the automatic mode
excitation system (AMES) this mode becomes unstable. For v — 600 kts the system is
fluttering and becomes stable only with the FSS.
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2.4  Technical Rea l iza t ion  of the FSS

As mentioned before the FSS had to be implemented into the two ballasted 520 ltr.
tanks of the G 91. For the sake of redundancy one tank on each wing was installed.
Each tank worked independently and only needed electrical power from the aircraft.

Fig. 6 shows a sketch of the installation of the FSS in the 520 ltr. tank. A
frame was installed in the forward part of the tank to carry the vanes , the electro-
hydraulic power package and control electronics. The ballast weight was clamped in
the centre part of the tank.

ELECTROHYDRAULIC BALLAST WEIGHT

ACTUATOR CONTROL

FIG. 6 EXTERNAL TANK WITH FSS (FLUTTER TANK)

The vanes were designed for transsonic flow (angle of leading edge 300, axis of
rotation at 35 % root chord).

Special fast vane actuators with an mechanical fixing device were developed. In
Fig. 7 the transfer function of the actuator with vanes is given. The Bode plot shows
ideal behaviour in the required frequency range (up to 14 Hz). There is only a small
phase shift and the amplitudes remain constant up to 15 Hz. The max. torque the actu-
ators produce is 2700 Ncin. The max . possible ang le of attack of the vanes is ± 10°.
The weight of the whole FSS in this test status is approx. 21 kg.

[de] JTT~~~~LDE&Ri

1 5 10 20 50 100 [Hz]

FIG. 7 ACTUATOR TRANSF ER FUNCTION

~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

. 

1.. ~~~~~~~~~~~~~~~~~~ ~~~~~ — — ~~~~~~~~~~~~~ —I- -—



- ~~~~~~~~~~~~~~~ -~~~~—---- -~~~~

Fig .  8 shows the flutter tank and the vanes on the aircraft.

- 
-

~~~~~~--~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~ -

FIG. 8 FLUTTER TANK ON THE AIRPLANE

3. FLIGHT TEST INSTRUME NTATION
To perform the f l igh t  test of the FSS and to evaluate new methods for flight

flutter tests special flight test equipment was installed in the airplane.

A frequency sweep generator was f i tt e d  wh ich gives specif ied inputs into the
control system (variable frequency sine wave). This input can be given in the open
and closed loop mode as well.

CONTROL SIGNAL

N

CONTROL SIGNAL

FIG. 9 ACCELEROM ETER LOCATIONS



r 

‘ 
- .  _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _

The acceleration pickup locations are shown in Fig. 9. 17 parameters could be
recorded on tape and also telemetered for ground quick look inspection . The pilot
was able to manually control the FSS with two control panels.

Fig. 10 shows the main control panel in front of the pilot. The second control
panel was used to switch the hydraulic power on and off. 6 modes of operation of the
flutter tanks could be selected by the pilot. Also operation of one side FSS was
possible. 

FIG. 10 MAIN CONTROL PANEL

In the open loop mode four different angles of attack of the vanes ranging from
10 to 4 could be choosen by the pilot. A warning light indicated failure or automatic
cutoff of the system.

All operation modes could be startet and cut off by the pilot pressing the trigger
button on the stick. An emergency switch was also installed in the stick.

The operation modes of the flutter tanks were:

1. Open loop mode
(mode excitation by frequency sweep inputs)

2. Automatic flutter suppression (FSS)

3. Automatic mode excitation (AMES)

4. FSS wi th  addi t ional  frequency sweep input

5. L/H flutter tank mode 1 (open loop excitation )
H/H flutter tank mode 2 (FSS)

6. L/H flutter tank mode 3 (AMES)
P/H flutter tank mode 2 (FSS)

Safe ty  Installat ions
In order to avoid hazardous flight conditions special safety provisions were made.

Both systems work independently and each of them is able to suppress flutter of the
airplane up to a defined velocity.

If a hydraulic or electronic failure occurs the vane actuator is blocked mechani-
cally and the angle of attack of the vanes becomes zero. An automatic cutoff device
was installed which switches off the system in the open loop and automatic flutter
excitation mode when a preselected acceleration limit on the flutter tanks or on the
wing tips is exceeded. In order to be shock insensitive this system was integrating
amplitudes. In the utmost emergency case the flutter tanks could be jettisoned.

4. GROUND TESTS ON THE AIRPLANE
To check the stability of the control loop of airp lane and FSS a structural

mode coupling tes t  on ground was performed. The test showed no detrimental coup ling
of the FSS with the vibration modes of the airframe on ground.

5. FLIGHT TEST

5.1 Performance of Flight Test

From the beginning of Nov. 2976 till end of Febr. 1977 18 flights were performed.
17 parameters were monitored at the telemetry station during the flights.

After each flight the test data were analyzed with an HP 5451 Fourier Analyzer.
Special programs were developed to calculate Nyquist diagram s and evaluete damping from
the open loop tests with frequency sweep excitation.
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5.2 Open Loop Tests in Flight

In order to check the stability and to optimize the phase of the FSS open loop
tests in flight at various airspeeds were performed at the beginning of the flight
test. Frequency sweeps were fed into the control system. The frequency increased
according to a logarithmic law from 5 Hz to 25 Hz and then decreased to 5 Hz within
120 seconds.

Fig. 11 shows the response of the flutter tank to the frequency sweep excitation
through the vanes. good excitation of the flutter mode can be seen.

V. 350 KIAS ~ TANK P11tH

‘-‘--
5-- . —H 1~~~~~~~~L- U • —

FWTTER TANK RIGHT

.60
1 ~~VANE

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
, . .

- 6~1
o~. TANK PITCH

FUJITER TANK I.EFT
(I VANE

- - 
~~~~~~~~~~~~~~~~~~~~~~~ TTJL ~~~~~ ~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~

60
F~~QUENCY 9NEEP

O 60 l2O sec

FIG. 11 TIME HISTORY OF FREQUENCY SWEEP EXCITATION (OPEN LOOP)

In Fig. 12 two Nyquist diagrams calculated from these frequency sweeps at v — 350
KIAS and v — 450 KIAS are presented. The phase of the flutter mode is not yet optimized.
Comparing both plots the phase shift due to the unsteady air forces can be seen too.

V. 350 KIA S V = 450 KIAS
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FIG. 12 NYQUIST PLOTS AT v = 350 KIAS AND v = 450 KIAS (OPEN LOOP)
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5.3 Closed Loop Tests of the FSS

After  having optimized the phase of the flutter mode and having checked the
stability of the system within the whole flight range closed loop tests were per-
formed. No valuable test data could be gained by excitation through stick jerks
because the frequency content of those excitation signals is too low. The only meth-
od to check the closed loop condition is to feed an additional sinusoidal signal
(frequency sweep) into the closed loop and analyze the response.

Fig. 13 shows the time history of a closed loop test with frequency sweep input.
Comparing Fig. 12 with Fig. 11 one can see that the FSS reduces the vane angle at
the frequency of about i4 Hz. The damping coefficient was also evaluated from these
tests and is presented later in a summary plot.

V =350 KIAS ~ TANK PITCH
- - 

-
~~~~~~ —

FLATTER TANK RIGHT

fl VANE
_ _ _ _ _ _ _ _ _ _ _ _  - . .

~~~~~~ 
j .

~60 1

o~ TANK PITCH
-

FlUTTER TANK LEF T
(3 VA~~

~~~~~~~~~~~~~~~~~~~~~~~~ Tj~~~~~~~~~~ -v ~~~~~ -

_ 60j
FRE~~ JENCY SHEEP

0 60 l2O sec

FIG. 13 TIME HISTORY OF FSS RESPONSE
DUE TO FREQUENCY SWEEP INPUT

5.4 Tests to Subs tan t ia te  a New Flight Flutter Test Method for Stores
The aim of this tests was to demonstrate that the modified FSS can be used for

a new flight flutter test method as already described in[1~

Fig. 5 showathe principle of the method. If the phase of control signal is
shifted 1800 the FSS become s unstable and excites the airplane. This method called
Automatic Mode Excitation (AJIE) has the following outstanding advantages:

It is automatically tuning the frequency into the store flutter mode and excites
it harmonically (provided a suited sensor signal is choosen).

- Switching off the AMES one can easyly evaluate the aircraft damping from the
logarithmic decrement of the response.

Combined with the FSS it allows to measure directly the damping trend of the flutter
mode above the critical speed.

in comparison with the damping evaluation from frequency sweep response which
cannot be done without the help of computers the signals produced by AME S can be
analyzed directly by the engineer.

Fig. i4 shows the time history of AME S at various airspeeds. This signals were
produced during the f l i g h t  tes t .  As can be seen high signal to noise ratio allows
an evaluation of the damping from the decay at once.
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FIG. 14 TIME HISTORY OF AMES v = 450 KIAS AND V = 470 KIAS

The logarithmic increment of the increasing amplitudes shows the excitation of the
stable system which can be turned into damping by shifting the phase 180

0. The damplng
evaluated this way has to be added to the damping trend of the flutter mode to get the
damping of the stabilized system. This is shown in Fig. 15.

off FSS on

— ~ on AMES off With FSS

DanWIng critical Speeda FSS off

0 

AM~~~n

FSS off
+

FIG. 15 RELATIONSHIP BETWEEN FSS AND AMES
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5.5 Demonstration of Active Flutter Suppression

During the flight test it waB found that the etr-uctural damping of the A/C was
higher than expected. This increased the flutter speed to a speed which could not be
reached anymore. Therefore an artificial flutter case was produced. It was found that
the A/C could be driven into flutter at any lower speed using only one system in the
AMES mode.

I.-Is~c-4 - 
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.1 - , I , , , , I , s l , t , . 4 I I I I I l I  - 

& TANK PITCH
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FIG. 16 TIME HISTORY OF THE UNSTABLE SYSTEM AT v = 300 KIAS

Fig. i6 shows the time history of an artificial flutter case at 300 kts. Using
the other system in FSS.-mode the instable system became stable.
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â TANK PITCH

FWTTER TANK LEPT FSS FSS OFF

/3 VAN E

~.

FIG. 17 TIME HISTORY OF STABILIZED SYSTEM AT v = 300 KIAS

This is demonstrated in Fig. 17. This figure shows the unstable and stabilized
system. As can be seen , even additional excitation by stick jerks could not destabi-
lize the system.
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6. FLIGHT TEST RESULTS

All tests were performed in the high subsonic regime. Pronounced transeonic
effects could not be evaluated.

6.1 Automatic Mode Excitation

The method described was found to be very powerful and promising. The main advan-
tages of the AMES are:

The possibility to measure the flutter speed directly if it occurs within the
flight envelope of the A/C

Improved extrapolation of the damping trend is possible

The test results can be directly used by the engineer without the help of com-
pute r 5

The flight flutter test of stores can be done with less flight hourt~ and less
risks for the A/C (one store configuration in one flight!)

In Fig. iS damping trends of the aircraft with the flutter stores are presented.
It can be seen that the damping evaluated from the frequency sweep response is slightly
higher than the values found with AMES.

-16 
F~~~~~~ T~~~~~~~~~ J A ~~~U. SWEEP

_ _

~~~~ 
____ ~ DEC~’/ (AMES

-8 
F tIER MODE ___

~ 0 II JIIII ±Iii~~100 200 300 400 500 600

~~12

_ _ _ _ _ _  
— ___ 

.o

FIG. 18 MEASURED DAMPING AND FREQUENCY TREND

The most important feature for the system is a reliable automatic switch off of
the AMES. Especially at higher frequencies and higher speeds it was found that in some
cases the pilot will not be able to switch off manually the system quick enough.

6.2 Discussion of Results with the Flutter Suppression System

Influence of the phase on efficiency of FSS:

The simple control system used for this test was optimized for one mode , the flutter
mode.

As can be seen from the open loop tests non optimized phase reduces the system
efficiency with the cosine of the phase. Therefore the phase optimization needs no
high precision. The control system however has to compensate the phase shift caused
by the air forces on the flutter store (approx. 20° from 0 - 500 KIAS ) .

Influence of the gain on the efficiency of the FSS :

The damping force produced by the FSS at constant airspeeds is proportional to the
gain of the system.
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Testing of failure cases

In a failure case if only one flutter tank works as a damper the efficiency
is reduced. In Fig. 19 this effect is ahown . If the behaviour of the A/C is
symmetrical this effect can be regarded as a gain reduction.

—  A 2 FUJTTER TANKS FSS
V I FWTTER TAN K FSS
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~~~~~~~~~~~~~~
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FIG. 19 DAMPING BEHAVIOUR OF FSS IN FAILURE CASE

If one accelerometer of the system fails the control system uses the vertical
acceleration of one sensor as feed back signal. This means theoretically
a reduction of the gain of 50 % and the control system is a true ILAF System [17].

Fig.  20 shows this e f fec t  on the Nyquist plots.
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FIG. 20 NYOUIST PLOTS FOR FAILURE OF ONE ACCELEROMETER

These two tests have shown that asswning the A/C ’s behaviour is symmetrical
this kind of FSS can be easy designed with high redundancies.
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6.4 Estimated Increase of the Flutter Speed due to FSS

The increase of the real flutter speed could not be demonstrated in flight.
In Fig. 21 the increase of the flutter speed is given by extrapolating the
measured damping trends. In this picture a medium gain was used. One must keep
in mind that the extrapolation given in Fig. 20 does not include the effects
which may occur at high transsonic speeds. Stall of the vanes and saturation
conditions of the actuator have to be avoided.

[0/.] 
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i: _
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12

FIG. 21 EFFICIENCY OF FSS

7. CONCLUSIONS AND RECOMMENDATIONS
It was shown that a relative simple control system with store mounted vanes

can be used for store flutter suppression. This FSS is very effective with rela-
tive small vanes which do not chang e the fligh t mechanical characteristics of
the aircraft.

First flight experience with an AMES was made and the method was found to
be promising.
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AIRPLANE MATH MODELING METHODS
FOR ACTIVE CONTROL DESIGN

by
Kenneth L. Roger

The Boeing Company
3801 S. Oliver

Wichita, Kansas 67210
U.S.A.

SUMMARY

Selected Analytical Methods are described which are useful and practical in math modeling for airplane active control
system design. A technique for writing state equations is presented which is suitable for incorporating lifting surface
aerodynamic solutions. An economical method of computing unsteady aerodynamic influence matrices is presented for line
doublets and plate doublets, the latter usable at any Mach number. An economical way to analyze three-dimensional
turbulence and a convenient way of using design criteria in n-dimensions are presented to aid in designing for statistical
performance . Recommendations include the use of a sIngle airplane math model for analysis of multiple performance
parameters and the use of control hardware math modeling during preliminary design.

NOTATION

A Aerodynamic influence matrix relating grid element force and boundary condition velocity (normalwash)

B Matrix approximating function for the product H 1T A 1

BK One of the coefficient matrices used in defining B

b An element of the matrix B

Ck One of the coefficient matrices used in approximating F

e Base of natural logarithms, 2.718...

F Generalized aerodynamic influence matrix relating generalized forces and motions

Frequency, Hertz

G Power spectral density; also a generalized aerodynamic influence matrix relating generalized forces and
gust velocities.

H Frequency response function relating an airplane response and a gust velocity

H1 2 3 Modal matrices, relating generalized motion and grid element normal displacements: (1) linear at center of
pressure, (2) angular and (3) linear at normal wash reference point.

Imaginary number ~‘T~ Also an index

An index

K A factor used in turbulence design criteria. Also a modified spherical Bessel function

k An index

L Scale of turbulence. Also, a randomly varying structural load

Lsteady The average value of a random structure load

M Mach number

n The number of dimensions of a multiple-dimension variable

p Scaled Laplace variable, s/U0

o Vector (column matrix) of generalized aerodynamic forces
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q Generalized displacement vector (column matrix)

R Correlation function, transform related to power spectral density

RK One of the coefficient matrices used in approximating G

S Wing semi-span

s Complex Laplace variable

T Rectangular or diagonal matrix of gust penetration time delays (Laplace transformed) for grid elements or
groups of grid elements

U0 Airspeed

Lateral gust velocity vector (column matrix)

Wg Vertical gust velocity vector (column matrix)

x A superposition of responses (for example structural element stress). Also, the argument of the function
K
~

(x)

y Spanwise coordinate. Also, a typical response (f or example a bending moment)

a Dummy argument of R. Also, a vector (column matrix) of points on a multiple dimension sphere

p A denominator constant used in defining B and b

V A denominator constant used in approximating G

r Mathematical gamma function, the generalized factorial

Difference operator, requires subtraction as 4y =

The order of the function K 1,(x)

Variance of a random variable

Time variable for the correlation function R

w Fourier variable or frequency, radians/second

Scaled turbulence frequency, 2 ,rf/U0

Turbulence parameter = r( 112) T ’(5/6)/ L T’(1/3) = 1/1 .339L

{ } A column matrix (vector)

I I A rectangular or square matrix

1. INTRODUCTION

A description of analytical methods found useful and practical in math modeling for airplane active control system design
and performance analysis is presented. The selection of methods, emphasizing lifting surface aerodynamic theory and
statistical performance evaluation, was based not only on their current acceptance by engineering specialities but also on the
existence of format or cost barriers which have prevented widespread use by control system designers. The adaptation,
extensions and simplifications discussed in the following sections have been used in practical engineering problems
requiring design of active flight control systems.

The need for compatible airplane math models for analysis of stability and control , flutter , structural integrity and comfort
has been heightened by two factors : first , the ability to improve performance in each of these areas with active control
systems, and second, the lack of frequency separation in large airplanes between these areas of concern which means all
performance measures must be monitored to prevent inadvertent degradation. The experience basis for the chosen
methods is outlined by the following: the development of measures of structural performance (Reference 1), the design and
flight testing of an active control fatigue damage reduction system (Reference 2), development of the interface between
stress analysis and statistical loads analysis (Reference 3), and the design and flight testing of active control load reduction
and ride improvement systems (Reference 4) and a flutter suppression system (Reference 5).
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The following paragraphs and appendices contain sufficient information for the techniques to be used by aeroelasticians
and active control analysts. The primary intent is, however, to encourage the active controls designer to ask for and use math
models which are adequate for simultaneous analysis of all airplane dynamic performance requirements.

2. LIFTING SURFACE AERODYNAMIC SOLUTIONS IN EQUATIONS OF MOTION

Generally useful equations of motion must be expressible in all user formats Including differential equations, difference
equations, Laplace transformed equations. Z-transformed equations and Fourier transformed equations. Linearity of the
structural and aerodynamic theory is assumed, although linearity may be with respect to a nonlinear “steady-state” solution.
This section is concerned with the aerodynam” part of the equations and the unsteady linear aerodynamics typified by the
lifting surface theories. These are calculable by pressure series, doublet lattice, Mach box and other methods. This theory is
not directly suitable for equations of motion since it cannot be represented by a finite number of state variables in the user’s
transform formats. Also, most current solution methods are limited to numerical evaluation of the Fourier transformed
airloads for selected frequencies.

Given a set of Fourier transformed airloads covering the frequency range of inputs and structural modes, the use of an
approximating function for the airloads is permissible and desirable. The function can fit the known solutions to any desired
accuracy and can serve as an interpolator for other frequencies. This function must be physically realizable and stable (its
time transform , the impulsive admittance of airloads to boundary normalwash , must be nonanticipative, real , and zero at time
= infinity).

Such an approximating function, since it will not accurately fit all frequencies from zero to infinity, cannot be presumed to be
universally usable. For example, a Laplace transform of the function would not be accurate in the vicinity of a zero or pole
introduced by the approximating function.

The usefully accurate range for Laplace arguments is not obvious, although analytic continuity suggests that leaving the
imaginary axis (small positive or negative damping) is comparable to interpolation along the imaginary axis. The region near
the imaginary axis is of greatest physical interest.

Fourier transform lifting surface airloads, whether panel airloads, pressure coefficients or otherwise generalized airloads,
are presumed equal to the product of an influence matrix and a matrix of local normalwashes. The latter matrix is due to
gusts, control surface and airplane motions, and structural deformations. The approximating function must fit the elements of
the influence matrix. Equations of motion used in References 4 and 5 were based on fitting each element of the influence
matrix with a function of the form shown in Equation (1). The denominator constants are noncritical and are typically chosen
as flk = 

~ m x ~
1
~o~ 

The numerator constants are selected to give the least square error for the values of wat which b is
known.

b z b( P) :b o +~~~~p p  
bk. p : O + I w / U o (1)

Appendix I provides the computations required to incorporate these approximating functions into equations of motion for
generalized freedoms. For each generalized displacement, the aerodynamic plus structural terms require six state variables.
The usefulness of this formulation is in regarding the imaginary variable p as a complex scaled Laplace variable, s/U0. When
this is done, eigenvalues of the Laplace characteristic equation appear as in Figure 1. Airplane rigid body and vibration
eigenvalues appear as expected. The four clusters of eigenvalues on and near the negative real axis are due to the
approximating functions and therefore not physically meaningful. 0-A iteration with complex conjugate shifts (Reference 6)
is adequate for this eigenvalue problem.

Equations of motion in the form shown in Appendix I are satisfactory for all types of aeroelastic analysis - open and closed
loop flutter , divergence, gust response, maneuver response. stability and control and active control synthesis. It is
sometimes useful to let the approximating function give linear piston theory results when the frequency approaches infinity;
however , this is not required for low frequency analysis and it does not imply knowledge of high noninfinite frequency
response.

The differential equations deduced from the Laplace equations are used for designing to criteria specifie I as time histories
and analysis of control limiting and saturation and closed-loop limit cycles Other forms of the equations are readily
determined if the eigenvectors and eigenvalues of the Laplace equations are put in a real uncoupled. first-order form as
illustrated in Section 9.67 of Reference 7. Eigenvectors corresponding to the approximating function esgenvalues may be
deleted.
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Figure 1. Typical Eigenvalues of the Laplace Characteristic Equation Using Approximating Functions

3. USE OF UNSTEADY AERODYNAMIC INFLUENCE MATRICES GENERATED FOR PLATE DOUBLET
AERODYNAMIC MODELS

The use of active control surfaces on airplanes, especially several small surfaces, leads to complicated and expensive
airplane math models. The following discussion concerns the use of lifting surface aerodynamic theory through finite element
aerodynamic doublet modeling, the conversion of steady-state solutions to unsteady solutions, and the successful use of
unsteady elements analogous to the Woodward steady-state trapezoidal element (Reference 8).

Lifting surface theory is derived from the acoustic wave equations. This theory is valid at any Mach number if the boundary
conditions imposed do not require significant pressure perturbations compared with static pressure, or equivalently, do not
require significant velocity perturbations compared with the speed of sound. When the solutions are presented in the Fourier
transform domain, steady-state lifting surface theory appears as a special case when the frequency is zero. Another special
case occurs when the boundary conditions on a region of the wing are constant for a radius large compared with the
wavelength of the motion; then the solution of lifting surface theory for that region will be the same as that of linear piston
theory.

Finite element aerodynamic solutions require dividing the airplane into a fine enough grid so that the user will need to
specify only one boundary condition and compute only one aerodynamic force for each grid element. When each element
influences every other element, a square influence matrix must be computed. Two well-known methods of computing the
influence matrix are doublet lattice and Mach box, see (for example) Reference 9. The former method is suitable for subsonic
flow only, the latter only for supersonic flow. The tatter requires that grids must be Mach line oriented and changed for each
new analysis Mach number.

A Kernel function (see Reference 10) giving velocity perturbations due to an aerodynamic force applied at a point can be
readily computed at any Mach number. Hedman, in Reference 11, analytically integrated the steady-state Kernel along a
spanwise line and constructed a subsonic influence matrix using these line elements (vortex lattice). Woodward, in
Reference 8, integrated the Kernel over a trapezoidal “plate” element and showed the possibility of using a single element at
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all Mach numbers. The authors of Reference 10 developed a practical unsteady form of the line element method (doublet
lattice) and recommended an extension of the Woodward method to unsteady flow .

The author uses a simple scheme for converting vortex lattice influence matrices to doublet lattice. The ratio of the normal
component of the unsteady Kernel to the steady Kernel is a well-behaved function that shows gradual changes in phase and
amplitude over regions the size of doublet lattice elements. To calculate the unsteady (complex) normalwash , the author
merely multiplies the integrated steady (real) normalwash by this ratio obtained at a point in the element near the normal-
wash reference point . For practical size grid elements, this method is as accurate as numerically integrating the unsteady
Kernel along a line and it is not erratic for high aspect ratio elements.

A similar scheme was successful for converting steady plate element influence matrices to unsteady, which permits the
use of “plate doublet aerodynamic models.” The point in the receiving element where the unsteady to steady Kernel ratio is
computed is chosen as deep as possible within the Mach cone of the sending (pressure) element. It is likely that other popular
steady-state solutions, includ’ng those for finite thickness wings, could be converted to unsteady solutions by the same
method.

Three interpretations or restrictions of the Woodward solution were required. First , an influence matrix for a particular grid
pattern s an entity in itself , independent of the aerodynamic element used to derive it, and consequently does not imply any
particular location for the center of pressure within the element. When generalizing forces, the vortex lattice convention was
used subsonically which places the center of pressure at the element quarter-chord, mid-span. When the element leading
edge was supersonic, the center of pressure was placed at mid-chord, mid-span and the location was interpolated for
in-between Mach numbers.

Second, the location of the normalwash reference point within the element was always 0.8808 chord, mid span , where
0.8808 1/2 + 1/2 (e2 -1)/ (e2 + 1). This value was chosen so a single isolated rectangular element of aspect ratio
approaching infinity would have a subsonic lift coefficient of 2 7r/ ~/ ~~~~. The supersonic lift coefficient of such an element will
be 4/v’~~~ - 1 regardless of the normalwash location. A similar analysis of the line-doublet element will show the subsonic
normalwash location, if at mid-span, must be one-half chord aft of the pressure line, but that no (real) supersonic location is
possible.

Third, although the Woodward scheme may be readily programmed for trapezoidal elements, only parallelogram elements
are consistently satisfactory. In calculating the steady influence matrix . the trapezoidal grid element is replaced by a
parallelogram pressure element which has the same chord at mid-span and the same sweep at mid-chord.

Results of sample computations are presented in Figure 2 for the AGARD supersonic planform. These are compared with
the Mach box results published in Reference 12. This method gives reasonably close answers for coarse grids and
converges smoothly and quickly for finer grids. Subsonic solutions are equivalent in accuracy to doublet lattice. Solutions at
any Mach number cost about the same as doublet lattice. The grid chosen can be used at all Mach numbers without change
and solutions are available at all transonic Mach numbers. Planar doublet aerodynamic models are recommended for act ve
control design and performance evaluation .

4. THRE E-DIMENSIONAL TURBULENCE

The basic concepts of dynamic analysis for multiple random inputs are well understood and, given a suitable mathematical
model of the input , the designer of active control systems does not have difficulty with design synthesis. In the important case
of atmospheric turbulence, adequate math models exist but are cumbersome and not widely applied. A convenient and
inexpensive method is presented for modeling three-dimensional turbulence, developed from the work of Sawdy in
Reference 13.

The most noticeable improvement in analyses that use three-dimensional turbulence is in calculation of the variance of
generalized mode velocities and accelerations , and therefore in the calculation of zero-crossing and maxima rates. The
reason for change is that parallel components of turbulence in a plane perpendicular to the flight path are only partially
coherent in three-dimensional turbulence. For example , the vertical component of turbulence across the span of a straight
wing airplane will at any particular instant have some random variation instead of being identical as in one-dimensional
turbulence analysis. The coherence between a vertical gust at the left wing tip and a vertical gust at the right wing tip
decreases rapidly as frequency increases. If this decrease is neglected, most airplane math models will predict infinite
zero-crossing rates for generalized freedoms.

The spectral density of a response to the vertical component of turbulence is given (see Reference 14, eq. 3.178) in
Equation (2) where Gwiwj 

cross spectral density of the ith and jth vertical gust as shown in Figure 3, and where H includes

the time delay caused by gradual penetration of the gust.

H~~~~(f )  G w w . (f ) H yw (f )  (2)
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Figure 2. Comparison of Mach Box and Plate Doublet Force Coefficients for the AGARD Supersonic Wing

The summation is used as an approximation of the spanwise integration shown in Reference 13. The summation extends
across the full span of the airplane and vertical gusts excite both symmetric and antisymmetric modes. Since the gust
penetration time delays are induded in the frequency response functions, the gust cross spectral densities are real. They are
given for a unit standard derivation by the correlated spectra equation (A31) of Reference 13. Sawdy’s equation is repeated
here as Equation (3).
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Figure 3. Spanwise Variation of Vertical Gust

In Equation (3), 4y is the spanwise separation distance. Using the limit shown in Equation (4), the special case of zero
spanwise separation reduces to the familiar expression in Equation (5).

IIm K y (x ): 1/2r (v ) (2 /x ) Ll (4)

G ( f o ) : 2!~ 
[i+ 8/3(Q 1/Qo )2]

W 1W 1 • U0 [1+(Ql/go )2]l1/6

The gust cross spectral density may be identified alternately as in Equation (6),

/ /I~~~0~2 / \2\
G w j w j

(f .4v ):2f Rw iw j I~J ~~~ 
+ 

~ç~~~~~~) )cos(2 irf r)d r (6)

r U0where Rw1w1 — is the von Karman autocorrelation function for vertical gusts and is given in Equation (7).
The , symmetry is apparent in this form and is the reason the cross spectral density is real.

R(a) .5925
( 1.339) 

1/3 
[K 1/3(

a
). 1/ 2 ( 1 3~ 9) 

K 2,3(1 :39)]

Equation (6) is not recommended for evaluating Gww because of computing cost. However , the equation is valuable for
illustrating an alternate derivation and the significance of the forms from Reference 13. A rapid method for calculating the
modified spherical Bessel functions in Equation (3) is presented in Appendix II.

In Figure 4, which is based on Equation (3), the cross spectral density of two gusts at points with spanwise separation 4y
has been normalized by the gust autospectral density (4y = 0). Flag 1 is plotted at 4y/L = .2 and w L/U0=4 and Is
representative of the turbulence which drives large airplane low frequency modes at low altitudes (L = approximately 150
m.). If the scale of turbulence “L” were doubled, the point would be replotted at Flag 2. but it does not move appreciably 
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upward toward the 1 -D gust value. If the scale of turbulence were four times the original, the point would be at Flag 3. If the
scale were ten times the original, the point would be at Flag 4, where the spectral ratio is still not significantly higher than for
the original scale. A similar trend can be shown for higher frequency responses. In an airplane analysis, only responses near
zero frequency converge to one dimensional gust values for reasonable scale lengths.

~~~~ 
See Section 4 for a discussion of the flags. 
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Figure 4. Effect of Spanwise Separation on Vertical Gust Cross-Spectral Density

5. MULTIDIMENSIONAL STATISTICAL PERFORMANCE CRITERIA

The use of multidimensional structural performance criteria is further complicated when those criteria are statistical. The
structures analyst must be concerned with “Where does the active control system designer stop?” For example, does he
need to know the damage-to-stress relationship, or the stress-to-load relationship, or even the load-to-state variable
relationship? The answer depends on the criteria. The following is offered as a tool since such criteria sometimes are
selected at the convenience of the analyst.

If X , consisting of X steady + AX , is any superposition of “n’ responses (each consisting of Lsteady + AL), the design
criteria for X is that (AX)2 be less than a factor times its variance in unit variance turbulence, as in Equation (8),

(4X ) 2 <Kc ~
2 

(8)

Then all points on the design surface in space L are mappable using Equation (9a). In Equation (9a), a 2LL is a square
symmetric matrix of covariances of the responses , L, and any of its symmetric square roots is acceptable. The matrix {a~contains the coordinates of a point on the surface of an n-dimensional sphere obtained by solving Equation (9b). Thus, the
control system designer can work in the space L to define its covariance matrix , knowing the X - to - L relationship can be
designed later in such a manner that X can meet its criteria.

~ LI:{L STEADY} +K[C
2LL]1/210}

a 1
2
+ 4+. +a 2 :1 (9b)

Equation (9) was developed in Reference 3 to provide a design loads/design stress interface. Other procedures for more
complicated criteria are outlined in the same reference and could be adapted to more general active control design use.
Figure 5 illustrates a two-dimensional case, shear and bending moment, mapped for a mission-weighted exceedance
criteria. This figure was developed without knowledge of the stress-to-load relationship. Using this figure, engineers can
design structure which has acceptable stresses for load combinations on and within the envelope shown. - 
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Figure 5. Example Presentation of Two-Dimensional Design Envelope for Statistical Criteria

6. RECOMMENDATIONS

The implementation of active controls in flight hardware and the flight attainment of predicted airplane structural benefits
are achievable with today’s analytical methods and technology. Successful design is based on first predicting the
characteristics of feasible hardware and structure and the flight environment and then synthesizing control systems.
Minimum requirements for the math models are summarized below.

Control hardware math models should include a nonlinear simulation of the preliminary design actuator. If realistic
tolerances for backlash and hysteresis prevent attainment of performance goals, smaller control surfaces with larger
amplitude motions should be considered. Control system math models should permit the designer to trade electrical versus
mechanical functions. For example, the low-pass characteristics of an actuator may be less desirable than those of a
specially designed electronic circuit. Low-pass filtering must be completed within the range of validity of truncated mode math
models.

Airplane math models should be available which are adequate for analysis of flutter , dynamic loads, and stability and
control. The active control designer must synthesize his system using these math models at the preliminary design stage.
The use of ‘;implified models and optimization procedures is not precluded, but a system should not be considered a
preliminary design until its performance is adequate on complete math models. Providing such math models to the active
control designer in a form he can use has been the subject of previous sections.

The author recommends the adoption of state-variable equations by all analysts involved with airplane dynamics as a
standard interface and means of inf ormation exchange. Improvements in math modeling theory then become as transferable
as data updates. When a common format is established, the economy and convenience of more complete math models will
be self-evident. 
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APPENDIX I- GENERALIZED EQUATIONS OF MOTION WITH APPROXIMATING FUNCTIONS

The generalized forces are defined in Equation (I-la , b, c) for the interpolating variable “p”. The influence matrix IA(p)i’I

~Q(P)~ [F(p)] ~q(p)~ f[G(p)j {w9 (P)~ p: 0 + I (I-la)
V g (P)

[Fip)] : [H1]
T [A(P)]1([H2J + P[H3]) (1-ib)

T -1
[G(p)J: [H1] [A(p J [T(p)J (l~tc)
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and the gust penetration matrix IT (P)I are known only for discrete values of p. Define an approximating function as in
Equation (1-2),

[Hl]
T [Mp ]~~~[ao] +1

which is the matrix equivalent of Equation (1), where the I Bk I are chosen for a least square error fit of the known values, and
where the are preselected as in Section 2. Substituting Equation (1-2) in Equation (1-ib) gives Equation (I-3a, b, c, d).

[F(p)]~~ p[C.1]+{C0] + .
~~ ~~~[c~]

~c 1] :ff 80] +~ B1] + . .. + [B4]) EH3] (1 3b)

[c0 ] [B0] [H2] ( l-3c)

[ck] : [Bk]( [H2 ] - p k[H3]) ,k . l , 4 ( S -3d )

The gust coefficient, Equation (I - i c) may be fitted with a separate approximating function as in Equation (I-4a , b), in which
1R 1 2,... provide a least square error fit. The author lets the penetration matrix

[ G p ]~~ [R0]+ ~~~~ [R1]+ ~,, [R~ ] +

[R0] [B0] [T (o )]  ( I 4b)

[I(p)J represent local groupings of aerodynamic elements with the time delay to the leading edge of the grouping being
supplied at solution time.

APPENDIX II - NUMERICAL EVALUATION OF BESSEL FUNCTIONS IN CROSS-SPECTRAL MATRIX FOR
VON-KARMAN TURBULENCE

The use of Equation 3 in Section 4 requires evaluation of a large number of modified spherical Bessel functions of fractional
order. The following procedure is an acceptable compromise of speed and accuracy for the range of orders and arguments
significant in turbulence analysis.

One of the integral representations of the function shown in Equation (Il-i) is chosen according to the values of the order
and argument. These are better suited for numerical integration than the integral in Equation (6), Section 4. These formulas
were selected from those published in Reference 15, Paragraph 9.6. The integration is accomplished numerically using
15-point Laguerre weighting factors and abcissas (see Reference 15, Table 25.9).

f  -x cos h ( t )
Kv (x):J e cos h(vt )dt v<1/2 or x �1/2

0

:r’(~~ l / 2 ) ( 2 \
V 

/cos xt)dt v > 1/ 2  A N D  x < 1/2 ( l I- i ),,i/2 \ x + t 2)v +  1/2 
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CONS I STENCY IN AIRCRAFT STRUCTURAL AND FLIGHT CONTROL ANALYSIS

Robert C . Schwanz
Flig h t Control Division

A i r  Force F l i ght Dynamics Laboratory
W r i ght-Patterson A i r Force Base , Ohio ~43433

ABSTRACT

M i l i tary Specifications (MILSPECS) are often employed by the USAF procuring authority as guide lines
for design , developme nt , acceptance testing and mission application of military aircraft. The MILSPECS
mus t usua l l y be sa t i s f i ed  by formula tions of the aerodynamic and dynamic analyses that are consistect , or

equivalen t if not ident ical. When control configured vehicle considerations are involved , however , incon-
sts tencies resulting from analysis expediency or previous engin eering convention may occur. In this
paper YF— 16 , C-5A , 8—52E and lar ge transport aircraft desi gn studies and flight tests provide data for a
discussion and numerical illustration of these inconsistencies. It is concluded that they may be m ini-
mized or avoided al together if flight control specialists become more familiar with restrictions of
present-day unsteady areodynamic theory, and structural specialists increase their knowledge of modern
dynamics and con trol theory .

1.0 INTRODUCTION

Several recen t flight test programs sponsored by the Flight Control Division of the Air Force fli ght
Dynamics Labora tory (AFFDL) have demonstrated the possibility of improving aircraft performance thru less
inhibi ted use of the fli gh t control system. Wi thin the USAF and much of the aerospace industry this tech-
nological develo pment has been g ive n the acronym CCV , the Control Configured Vehicle. One advantage of
the CCV concept is that several of the structural design problems may be solved with hi gh-gain , redundant .
automatic control systems , rather than redefining the structure or redistributing mass. In fact CCV in-
P l ies  tha t the shape of the a i r c r a f t may in some cases be de ter m ined by the control systems required to
meet mission goals.

A number of CCV concepts have been demonstrated in flight , both in part and as a whole for selected
aircraf t confi gura tions; a substantial research effort to develop tools for CCV analysis is in progress.
It will therefore be assumed in this paper that CCV is , or soon wi l l  be , a prac t i cab le  a i r c r a f t des i g n
option and wi l l  Indicate fli ght con tro l systems that purposefully alter:

• Static stability and other handling qualities (8785B)

• Maneuver loads (8860A , 886lA)

•Fati gue life (8866A , 94900)

•Ride quality (94900)

• Flu tter mode damping (8870A , 94900)

The numbers in paren theses refer to selected Military Specifications (Refs. 1-6) that include cons idera-
tions of in teraction of the control system and structure.

An examination of these MILSPECS as design guidelines , with CCV in m ind , shows that each recognizes
the cross—disciplinary nature of these control systems . A partial listing of relevant paragrap hs (Table
1), shows the degree of considera tion to vary from specific phase- and gain-marg in requirements , in
MILSPECS 887OA and 94900, to more general statements thee’ ~eave in terpretation of a part i cular flig ht
vehicle to the discretion of the contractor and the procuring authority. Clearly, it is the intent of
the MILSPECS to guaran tee to the procuring authority that interaction of the flight control system with
the structure of conventional and CCV aircraft is properly considered in design , develo pmen t , acce pt ance
testing , and mission applica tion.

I t is not the objective of this paper to delve into the origin and background of the M ILSPECS , nor to
address a specific redundancy or omission in current speciflcations. Its purpose is to indicate several
problems of analysis consis tency that arise as the individual fli gh t control and structural engineering
discip lines comp lete their tasks in fulfillment of desi gn gu idelines such as the M ILSPEC requirements.
These inconsis tencies in aerodyy~amic and dynamic formulations occur in practice because each engineering
d i s c i p line i ntroduces different mathematical approximations and because analyses require certain
expendiencies .

Inconsis tency In aerodynamic formulation appears to occur primarily because each of the disci p l i nes
has a differen t responsibility in aircraft design. The problem is particularl y acute as it pertains to
in teraction between the control system and the structure . The flig ht control sper.ia l st , who is charged
wi th respons ib i l i t y  for contro l system synthesis , emp loys the uni que insight afforded by aerodynamic
approxima tions in the frequency, Laplace , and time domains. Recent design studies of CCV configurations
indi ca te that in the future, time domain aerodynamic approximation wil l  assume added importance as very
complex mul ti-loop control systems are synthesized via modern control theory. The structura l specialist .
who Is accountable pr i marily for control System analysis , and not syn thesis , emp loys most conmionl y aero-
dynamic approxima tions in the frequency domain . There , an applica tion of classical control theory is
often adequate to demonstrate compliance with design guidelines. It is clear that ana l y s i s  inconsis-
tencies can occur if each disci pline individually utilizes Its own approximation of the aircraft aero-
dynamics In these various mathematical domains .
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Inconsistency i n the dyn.m ical description of th e aircraft , given a cuewnon aerodynamic formulation .
usually arises from (I) procedures used to reduce the number of elastic degrees of freedom (DOF); (2)
deletion of thc i ni t i a l  condition of state in the perturbation-d ynamics equations; and (3) exclus Ion of
the forward-speed degree of freedom . Studies of sing le-input/mul tip le-output CCV control systems (e.g.,
flutter mode control alone) have not adequatel y p ictured the overall system dynam ics probl ems . particu-
larily those Involving handling qualities and several CCV concepts. Also , previous studi es of m u l t i —
Inpu t/m ultip le-output CCV control systems . intended for conventional aircraft , have no t hi gh l ighted the
aforementioned dynamics problems because of the inherent natural aerod ynamic s ta b i l i t y of t he a i r c ra f t
and the conven t ional dynam ic approximations in the case of a relative l y large freq uency se pa ra t ion
between the mean-axis-system modes (ri g id body modes) and the structural dynamic modes.

The approach followed herein is to review briefly the CCV anal y s i s  and sy nt hes i s  task , in sec t ion
2.0, prior to discussing in sec tions 3 0 and 4.0 the inconsistency that arises in aerodynamic and the
dynamic formulations. The review is considered in order to define a general , modern control , state
space terminology which w i l l  condense the description of CCV aircraft into a compact set of matrhc
differe ntial equations that may then be subsequently referred to in the discussion . Classical and
modern con trol theories are assumed to be well understood so that emphasis may be p laced on detailed .
numerical aircr aft design or flight test results for the B— 52E , C— 5A , YF—l6 , and a la rge transport-
ca tegory aircraft. These numerica l results are presented graphical l y in terms of Bode , Ny quist , roo t
locus and time history data plots. Section 5.0 contains concluding remarks. Throug hou t this discussion ,
one of the main goals of the Conference Committee on the Structura l Aspects of Active Controls should be

recalled :

to consider what the make up or ingredients should be for good and appropriate cr iteria and
spec ificat ions .”

2.0 BACKGROUND : CONTROL-SYSTEM ANALYSIS AND SYNTHESIS

The Synthesis of a CCV or of a conventional control system may be accomp l i shed  by c l a s s i c a l  cont rol
theory , modern con trol theory , or more likely a blendi ng of the two, since performance c r i te r i a  are
specified in both frequency and time domains. In synthesis , the problem is the development of a control
system guaranteeing that relative stabil ity, s teady-sta te accuracy , transient response and frequency
response of the control system are adequate to satisfy the performance criteria. In anal y s i s  the con t rol
system already exis ts and analytical or experimental methods are emp loyed to measure the performance of
the controlled dynamical system. A cursory review of design guidelines such as the M ILSPEC paragraphs in
Table I indica tes that , for the most part , the structural specialist presently acts as an analyst who is
supp lied a con trol system as a portion of his dynamica l system. if the structural specialist finds a
struc tura l problem induced by the control system , the only pract i ca l opt ions are (I) to send the control
system back to the flig ht control staff for rodesi gn (synthesis); ~2) to alter structural layout or mass
dis tribution to compensate for the controller; or (3) to alter the control system himself. If the two
disci plines develop identical or equiva l ent aerodynamic and dynamic formulations for the unaugrnented
a i r c r a f t , the first choice is the logical course of action. If i t  is determined that the formulations
differ , the second two options mi ght seem viable; they are certainly not advisable because the control
system design is likely to diverge.

2.1 Definition 0f Prnhlern

Specifically, in syn thesis the goa l is to establish a relationship between measurements , ~ , and
controls 6, of the form 6(t) K* y(t) where K* k a matrix of control system gains. The measurements and
responses are rela ted algebraically to a first order , ordinary differen t i al equation de fining the states ,
x , that is , in the modern con t rol , state space form:

State equation : ~~(t) A x(t) + B 6(t) + fl 1
(t) (la)

Measurement equation : y_(t )  M x(t) + n 2
(t) (Ib)

Response equation: r(t) = C x(t) + 0 6(t) (Ic)

Control equation: 6(t) K* ~ (t) (ld)

Here the matrix equations may be nonlinear , wi th time-vary i ng coefficients in the matrices A , B , C , 0, M ,
and K~ . Typ i ca l l y,  the states , x , consis t of reference-axis-system motions , ~~,

., ki nema t ics , 
~k’ 

e las t ic
deformations , ~~ , and other variable associated with specifics of the control system and its model l ing,

~~~~ . The controls consist of aerodynamic control surface motions , engine thrust and other means of pur-
poseful ly inducing forces and moments on the aircraft. The measurements , ~~~, cons i s t of acce lera t ions ,
rotation rates , a i r  da ta , iner t ia l  p lanfor m data and other sensed quantities. The responses , r , usuall y
consist of structural moments , shears and stresses , model f o l l o w i ng e r rors , control rates , tracking
errors and other Outputs of the system. The term ri

1
(t) is process noise associated with atniosp ho r ic

gus ts and turbulence or pilot commands , and n
2
(t) is measurement error induced by the electronics or

mechanics of the sensors.

I t is assumed that equation (1) defines a dynamica l , con trolled system that is analog (or continuous).
A state-space form of equation (I) also exists for a discrete-data di g i tal system; it w i l l  not be discussed
as most modern control theory applies equally well to di g ital control systems , and because many digital
control Systems result from “dig i tization ” of previously desi gned analog systems . For a ll future
discussions i t w i l l  be assumed that equation (I) has constant coefficients and has been linearized in the
independent variables of state , x , and controls , 6. I t should be recogn i zed that the linear ized , constan t
coefficien t problem , al though the most common in the literature , is only a por tion of the total CCV
analysis and synthesis task. In actual design a substantial amount of eng i neering time must be spent in
accoun ting for non-l inear i ti e s In aerod ynamics , structur e , and dynamic s and con trol; these non-l inear-
ltles are not discussed herein. It Is also assumed that the structur .il and the fli g ht control specialists
have agreed upon the significant terms constituting the control equations , bu t that each may have a
differen t approximation of the state , measurement and response equations owing to differences In aero-
dynamic or dynamical formulatio n.
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2.2 Classical Control Theory

In c l a s s i c a l  control theory determInation of the control equation and K~’ consis ts of a trial-and-
error application of anal ysis procedures until the performance criteria are satisfied. The procedures
are larg ely a graphical portrayal of Bode , Ny quist , and root locus stability criteria for open-loop and
closed-loop sys tems . The measurement noise is usually i gnored in all bu t specialized studies.

• Bode and Nyqu ist. The Bode graphica l method determines relative stability informa tion. The
Nyquis t method is p a rticu l ar ii y us eful in that it treats stability of both minimum and non -minimum
phase system. In both graphical procedures the open-loop transfer function is considered , and the
phase and g a i n  marg ins (the design criteria found in MILSPEC 8870) are determined from a p lo t of
the amp l i tude and the phase ang le of the transfer function , wi th frequency, a , vary ing from zero
to infinity. One advantage of these methods is that they may be used with frequency-dependent ,
unsteady aerod ynamic forces. A disadvantage is that a multiple-input/multiple-output system
(typical of CCV) must be analyzed one loop at a time for its stability characteristics; thus , a
change i n a compensating control elen,ent requires reanalysis of all the loops. Once the system is
designed to be stable , Nichol s char t may be used to convert the open-loop magnitude and phase
rela tionship to closed-loop frequency-response characteristics.

• Root Locus. This method is also graphical and requires that the anal ys t def ine h is  sys tem
[equation (1)] in the Laplace domain. Both the open- and closed-loop characteristics of a
mul tiple-input/multi p le-ou tput system may be determined, Much of the information contained in the
Bode , Nyquist , and Nichol ’s char t may be calculated directly from the root locus definition of the
dynamical system. The advantages of the method are substantial in that closed-loop stability can
be direc tly determined by working with the open-loop transfer functions of the overall system .
Transient responses and steady state accuracy may also be easil y determined by an inverse Laplace
transform to the time domain. The effect on the stability of the dynamical system of a gain change
in one loop of the control system may be determined directly. In addition , a root locus on the
dynamic pressure , on sensor location or type and on the physica l parameters of the system (such as
those shown and discussed subsequently in  Fi gure 1 1 ) make the method ideally suited to synthesis
by reanalysis. The method requires that unsteady aerodynamic information in equation (1) be
expressed as constant coefficient , ordinary differen tial equations in the Laplace domain. This
disadva ntage is discussed subsequently in section 3.0.

2.3 Modern Control Theory

In modern control theory synthesis of a CCV control system proceeds more directly than in classica l
control theory. That is , the trial-and-error analysis and reanalysis calculations are at a minimum . It
is firs t necessary that equation (1) and the desired performance criteria be expressed as responses , r ,
in the time domain. Before the gains , K~’, may then be determined , an index of performance , .J(r ,t), i s
minir tized to determine the optimal gains , K, subject to constraints on the states , x , and controls , 5 . In
CCV syn thesis studies sponsored or conducted by the AFFDL , the specific form of J most commonly used has
been the quadra t ic perfor mance index :

J (r ,t) F 1f~ rT Q r di’]
0

where Q is a weig hting matrix selected a priori and E is the expectancy operator required for systems with
nonde terministic inputs , n.1 (t). More spec i fically, the process employed to determine optimal gains , K,
that relate the controls 6 to the states , x , invo l ves an i terative solution for the Lagrange multip liers ,
P, using the matrix Ricatti equation expressed by:

O — A
TP + P A +~~~- P ~P 

-

where A — A - B (D
TQD)

_ l 
D
T
Qc~

E — B (DTQD)
_ l  

BT

— C~ QC - CTQD (DTQD) 1 oTqc

then , knowing P ,

K (DTQD)
_ l 

[D TQc +

and f i na l l y ,

6 K x

O n l y  in the s i m p les t sys tems , e.g ., ri g id aircraft, is i t possible to measure the states x as feed-
back. In general the measurements , y ,  include a combination of mean-axis-system motions as wel’l as
structural deformations and for this reason a second set of gains , K~ , usi ng the realistic measurem ents ,

are then calcula ted . The procedure for doing this varies and is dependent upon the experience of the
flight con trol eng ineer . One method used at the AFFDL consists of augmenting the measurement equation
wi th states not directly measureable , and then inverting the measurement equation to arrive at a relation-
ship between states , x, and augmen ted measurements , y, . This new relationship Is substituted in the
response equation and the index of performance in order to arrive at the second Optim ization problem .
Finally, an incremental gradient al ggrlthm based upon the previou sly-d eterm ned weig hting matrix , Q, and
optimal gains , K , is applied . The process of arriving at the best practical gains . K* , Is partially
trial-and-error due to numerica l stability problems that deve l op if the Incremental gradient me t hod beg ins
too far from the g loba l minimum of the problem.

The advantages of optIma l control are substantial sInce a stable , multIp le-Input/multIple-output

_______________ — .  -- 
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Ccv control system Can be desIgned directly In the optima l sense with a rel ativel y small manpower inv est-
nient. This means a particul ar component of the responses , r , such as wing root bending moment , can be
treated without aggravating other responses such as those assocIated with handling qualities or fluttcr.
One of the disadvantages of optima l con t rol methods is that it is difficult , in a stable numerical sense ,
to enforce state , control and measurement const ra in ts  exce pt by a t r i a l - and-e r ro r  method invo lv ing  Q.
A lso It is necessary that the unauqmcnted systen~ be s tab le  at the beg inn lnq (usually easy to accompl ish)
and it is not generally possible to enforce relative stability, fre quency domain stability margins even
though the system is guaranteed s tab le  in an absolute sense. Additionally, a ll aerodynam ic infor ma t ion
must be expressed in the time domain.

The importance of main ta in ing consistency In the aerodynamics and dynamics formulations is clearly
I l l us t ra ted . The optima l or subopt ima l control system that evolves depends upon a l l  the infor ma t ion pre-
sen ted in the s tate , measurement and response equations. If the flig ht control specialist accomplishes
it s syn thesis , 6 —  K~~,, using one set of numerica l values for A , B . C , 0, and M , and the structural
spec ia l i s t  then uses other numerical values to anal y ze th is  CCV a i r c r a f t  according to MIISPEC requi re-
ments , the resu l t ing  design is sure to be erroneous.

3. 0 AERODYNAMIC FORMULATiONS

The rioht- han d sides of equations ( Ia) , ( Ib ) ,  and ( Ic)  conta in terms assoc ia ted  w i t h  aerodynamic
forces that act upon the veh ic le .  These forces are known to be proportiona l to the mean -axis-system
mot ion , X r. e l a s t i c  deformat ions , ~~~. controls , 6 , and the atmosphere , n 1. There are numerous theoret i -
cal , semiempir ical and experime ntal approx imations of those aerodynamic forces reported in the literature.
The Woodward method , vortex l a t tic e , s t r ip theory, doublet l a t t i c e , Rho ’ s metho d , kerne l funct ion , p i s t on
theory , spl ine aerodynamics , e tc . ,  are just some of the highly specialized aerodynamic methods that are
emp loyed i n CCV analysis and design. Of these , the steady aerodynamic methods emp loyed to calculate
In i t ia l  values of the s ta tes , measurements and responses do not at present appear to introduce cons is tency
problems because a grea t dea l of experimental data and user exper ience have been accr ued .

On the other hand , theoretical computatio n of the unsteady aeoodynamic forces that are very
im portant to the CCV dynamic anal ys is and syn thes is  problem appears to present the designer w i t h  two
choices t hat may not enforce consistency between the methods of the structura l and f l i ght control s t a f f s .
Wi th one choice , the  uns teady aerod ynamics are es t imated in the frequency do m a i n , resu l t i ng  in ~‘requency-
dependent—coefficient , ordinary differential equations that are most suitable for ana l y s i s  v ia  c lass i cal
control methods. This means absolute and relative stability and frequency response of the open- and
closed-loo p system may be estimated , thus satisf y in g many of the structural des’i gn MILSP EC requirements
c i ted in Table 1. W i t h  the second choice , uns teady aerod ynamic forces are es timated in the Laplace
doma i n; the resulting linearized equations are then transformed to the time domain where contro l
system analysis and synthesis via modern control theory may be accomplished . The transforr~atio n of these
constant-coefficient , li nearized equations from the Lap lac e to the fre quency domain is well kno.-~n . Mo.,-
ever , frequency-dependent-coefficient equations in the frequency domain may not be transformed ~o the
Laplace and time domains without some approximation . The approximation involved in passino from frequency
to Lap lace and time domains introduce Consistency problems between the methods of s t ruc tura l and f l ig h t
control specialists.

One means of iden iilyin y pote atial inconsistency is to consider recent CCV—re !ated e~ smp lec in ~ihich
the aerodynamic methodology is isola ted and its impact on CCV studied: Four recent studies cone to mind:

• Cunning ham (Ref. 7) inves tigated the problem of extending frequency dependent aerodynam ics to the
Laplace and time domain of anal ysis; the objective was development of an unsteady aerodynamic
methodology compa tible with linear-systems root locus analysis and nonlinear-system time history
analys is. ’ The procedure is to f i t  frequency—dependent general ized aerodynamic forces with
Tschebychev polynomials , then Fourier transform to the time domain to get indic ia l  functions ,
approximate the ind icial function by a second series of Tschebychev polynomials , and f i na l l y
Lap lace transform that se r ies .  The result is a polynomial w i t h  terms having f i r s t  order poly-
nomials in the Laplacian variable as their denominators. One problem arising from this procedure
Is that a large number of poles are Introduced for each retained dynamic degree of freedom; for
instance , in one application a total of 68 poles result  when three mean-axis degrees of freedom and
one structural mode degree of freedom are retained and unsteady aerodynamic force indicial functions
are approximated by a f ive term pol ynom ia l .  The large number of poles introduces numerica l error
when the roots of the equation are determined for root locus s tud ies ;  the pract ica l upper l im i t  for
acceptable numer ical accuracy is 100-150 complex number roots. The tes t  of th is method on the
YF—16 mi ssiles—o ,i roll-loop stability, discussed in section 4.1 , indicate that the root- locus
classical  method predicts i ns tab i l i t y  at 6. 11 Hz , and at a l ower roll-loop gain than the 6.50 Hz
instabi l i ty observe d in flight -test. The root locus anal ys i s , however , matches the resu l ts  of
previous analyt ical  analyses in the frequency domain.

• Roger (Ref. 8) approximated the freq uency-dependent aerodynamic force s of the doublet l a t t i c e
me thod as a rational polynomial function of the Lap l ace  variable Subject to the restrictions that
(I) i t must have complex-conjugate symmetry; (2) the denominator roots must lie in the le ft half
of the complex p lane ; and (3) it must approximate the values of the complex coefficient ,,hen
s — 0 + j a for those values of a analyzed using the doublet l a t t i c e  theory. The B-5 2E CCV program
analysis and synthesis tasks employ this method. Another paper in the conference discusses the
method in more detail.

• Brune (Ref. 9) modIfied the steady aerodynamic method , developed at the Boeing Company by Woodward
Ct al , to include a f i rs t -order , reduced-frequency , unsteady aerodynamic approximat ion to be used
In the frequency, Laplace and time domain. This approximation is app licable to general three-
dImens Ional configurations at subsonic and supersonic speeds (such as swept-wing aircraft idealized
In Figure I). The method Is theoretically valid for reduced aerodynamIc frequencies , k — .~c/2b 1,
of order much less than 1.0, much less than [(l-M 2)/M2] at subsonIc speeds , and much less than
[(M2-l)/M2] at supersonic speeds. In contrast , doublet lattice and other unsteady aerodynamic
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methods are .theorntl cally valid for a reduced frequency of the jrd,,r [(l-~i”)/M . a t subson ic spee ds
and of the order L( l- M 2)/ M ’l at supersonic speeds. A numerical quan tit lza tion of these boundaries ,
as well as a brief summary of the Woodward approach to the .-ierod ynan ilcs , is prese nt ed in Figure 2.
When pressure distri b u t ions estim at ed by doublet lattice theory for various aspect ratio , w ing-
alone configurations are compared to similar data estimated by this low frequency app rox ima t ion ,
boundari es of appl i c a b i l i ty may be establ ished (Ref. 9). These boundaries for aspect ratio (AR)
2 and 8 wings at subsonic Mach numbers a r e  shown in Figure 2. Note that the method is most theo-
retically valid for slender , low aspect ratio confi gurations. If the reduced frequency required
for a 0 Hz to 10 Hz flight control system for the C-5A or 8-1 are plotted on Fi gure 2 , severa l
important points would be noted . FIrst , front a theoretica l standpoint alone it would appear that
most methods are barely adequate at subsonic speeds and are inadequate at transonic speeds. Also ,
the low frequency approximation , although of ques tionable accuracy at subsonic speeds when
compared with other theories , may be adequate for CCV analysis and synthesis at supersonic speeds.
Here , low aspec t ratio and low reduced frequencies are the rule.

The most exhaustive study of the low frequency method for CCV app lica tions has been on an aspect
ratio 6.96 wing-alone configuration with the structure and (Mach number 0.80) aerodynamics repre-
sentative of a large transport aircraft. This study , conduc ted by Kro ll and Miller (Ref.. 10), Is
lImited to an InvestIgat ion of frequency characteristics of unsteady aerodynamic terms In transfer
functions that relate responses and measurements to vertical turbulence and Inboard aileron
harmonic motion. The data are presented as power spectral density p lots and lInear—amp lItud e Bode
plots of the unaugmented aircraft transfer functions. The reference-axis-sys tem motion states ,
i,,., are reduced and then transformed to be the inertial coordinate states : vertica l dIsp lacemen t ,
z, and rotation about the center of mass , 0. SIx invacuum modes are reta i ned in  the states , ~~~~ .

In thIs truncated modes formulation the initial conditions are wings-level flight , parallel to tho
flat earth; also , gravity terms are neglected. The aerodynamic methods employed are:

I . Woodward method

2. Woodward method , modified by Kussner/Wagne r [i~t (w)/~ (w)J funct ions.

3. Woodward method , modified by low frequency corrections on the states x(w)].

4. Woodward method , modified by low frequency correc tion on states [x(a)], gusts ~~~~~and controls [6(w)].

5. Strip theory method corrected with Kussner/Wagner [~~(u)/a(a)J functions.

6. Rho kernel-func tion unsteady aerodynamic method.

7. Vortex sp line kernel-function unsteady aerodynamic method .

8. Double t lattice unsteady aerodynamic method .

Figure 3 contains selected results of the study for flight in vertica l turbu lence . In this
analysis of wing—tip vertical acceleration , az, and wing-root bending moment , th e vortex sp l ine ,
doublet lattice , and Rho methods provide nearly identical results; thus , the comparisons are not
presented here. However, when the various formulations of the Woodward methods and the strip
theory method are compared with the Rho method , the differences are moderate to large , with the
largest discrepancies occurring at frequencies greater than 2 Hz. Possible reasons for this are a
poor, low frequency approx i mation of the more exact unsteady aerodynamic theories , or the intro-
duction of inaccuracies when the Kussner/Wagner functions are app l ied to the states of a three-
dimensional wing. The results of the report concerning control surface transfer functions should
be reviewed with some care, as the Woodward methods were not carefully “tuned” to control power
calculations as the doublet lattice method , and because the strip theory method includes empirical
corrections while the other methods do not .

• DIsney, Hargrave , and Hollenbeck (Ref. 11 ) analyzed and synthes i zed in-part the Active Lift Dis-
tribution Control System (ALDCS) for the C-5A using a semi-empirica l , unsteady aerodynamic Stri p
theory method. Good corre lation with fli ght test data is achieved and indicated by the Bode
amp l i tude p lo t (Fig. 4) of the aileron open-loop transfer function of the ALDCS aircraft. Schwanz
and Stockdale (Ref. 12) employed the low frequency correction to the Woodward method to analyze
this same transfer function at another C— 5A mass distribut ion; the results are compared oith the
strip theory method in Fi gure 5. Here it is seen that , reasonable correlation in phase and amplitude
exists up to 4.5 Hz (k=0.5); above 4.5 Hz the two methods approx i mate structural dynamics differ-
ently. The computer method used by Schwanz and Stockdale is the FLEXSTAB program (Ref. 9 ) ;  the
aileron unsteady aerodynamic forces , 5 (w), are neq iec ted , bu t care has been taken to correct the
aerodynamic forces of the control surTaces to match experimental dat a.

Fro,,, this discussion it may be inferred that an unsteady aerod ynamics m ethod that is theoretical ly
exact in the Laplace domain of anal ysis would help to enforce consistency between the methods of the
structural and flight control analysts. To be of greatest uti l i t y ,  the new theory should possess charac-
terIstics permitting exact transformations of the linearized form of equation (I) between the frequency.
Lap lace and time domains of analysis. Until a solution is found , fli ght control eng ineers must continue
to question and test the unsteady aerodynamic approx i mations they employ in desi gn , and structural
sper~ a1is ts must continue to appreciate the role of unsteady aerodynamics In the special synthesis problem
that the flight control specialist solves for the CCV aircraft.

4 0 DYNAMICAL SYSTEM FORMULATION

ExperI~nce withlr ~ e FlIqht Control Divis ion at the AFFDL has Indicated that the crux of the incon-
sI..tency problem In dynai’$c system descrIptIon , when the aerodynamic formulations are consistent , is the
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formulation and approximation of the equaL Ions of motion contained in equation (Ia). These equations of
motlcn relate the sta tes , 

~~~

- , ~ and 
~~ 

to measurements , res ponses , cont rols and inputs. In order to
subsequently explore these possible Inconsistencies In the formulation and appl ica t ion of the equations
of motion , i~ is best to e x p r e s s  theni In lineari zed , second-order , ord I nary diff erential equation form.
This fore, separates at.rodynamic terms from the inertial , damping and stif fness terms . Using the non-
ine}tlal , mean axis as the body-fixed , reference axIs system and the notatIon of References 9, 13 and 14 ,
these equations may be written as:
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Here the subscr ipt  I denotes Ini t i a l  value , w h i l e

c0 1, Is cosine 0 1. e tc .

SO l~ 
is sIne 0

l~ 
etc .

is the total mass.

1JJ I Is the total moments and products of inertia about the non-inertial axis system.

r (
~ + ~

), o(— o~ + 0) .  o ( — s , + •) are the Euler angles in the rotat ion sequence of Reference

14.

U (— U
1 

+ u) ,  V ( V
1 

+ v) ,  w( W
1 + w) are the components of axis-system translation .

p (. p
1 + 

~~~~~ Q~—~1 + q), R(.. R
1 

+ r) are the components of a x i s - s y s t e m  ro ta t ion rate.

~ is the m a t r i x  of mean-axis system modes .

• is the matrix of invacuum modes .

are the distributed aerodynamic forces due to changes in state , controls or atmospheric gusts
and turbulence.

4.1 Reduction in Elastic Deformation States

An examination of equation (2) indicates than it can consist of a very large number of second-order
equa t ions for u. Common sense , augmented by theoretica l and numerical accuracy considerations , d cta es
that equation (2) should be reduced in s ize  to i ts  absolute minimum. Typ i ca l l y ,  in t h i s  reduct ion process
the ana lyst  f i r s t  determines the frequency range over which the CCV control system w i l l  be required to
sr’lve design problems , e.g., from 0 Hz to 20 Hz. In this example , the problem of state reduction then
sim p lifies to ei imina trng hig her frequency states while maintaining reasonably Correct dynamics from 0 Hz
to 20 Hz excitat~ .~ frequencies , and appropriate asymptotic behavior as excitation frequency exceeds
20 Hz and approac~-.es infinity. There are three state reduction procedures reported in the literature :

Residual flexibility - the invacuum mode shapes representing the elastic motion are separated into
“retained” and “deleted” modes. The deleted modes are purged dynamicall y but retained stati-
cally as static elastic corrections to the remaining states. The Correction factors are related
to the retained invacuum modes and the flexibility matrix or stiffness matrix of the structure.

Truncated modes - the deleted modes of the residua l methods are not represented by the static
elastic correction factor. This is the most coammon method reported in the literature.

Static elastic or quasi-static - the motions of the structure relative to the mean axis are assu’med
to be in phase with the axis system motions.

Only recently have these state reduction procedures been tested numerically on realistic CCV hardware
desI gn cases:

• Schwanz and Stockdaie (Ref. 12) studied the C—5A ALDCS design problem using equation (2) as mech-
anized in the FLEXSTAB computer software of Reference 9. Fi gure 6 presents the effects of resi-
dualization and truncation on the short period and phugoid dynamics of the unaugmented C—5A air-
craft. Actual data points are noted at 3, 7, and 13 retained structural modes; the straight lines
are drawn only to facilitate visualization of the trend . As shown , the residua l formulation
predicts the mean-axis -system dynamic characteris tics nearly independently of the number of modes
retained while the truncated formulation does not. Also note that the residua l formulation
correctly coverages to the stat ic elasti c formulation for zero retained modes , while the truncated
formulation does not. The reason for the improved accuracy is that in the residua l formulation ,
the generalized aerodynamic forces as well as the mean-axis-system stability derivatives are
numerically dependent upon the number of modes retained , whereas in the truncated formulation
these asSume a constant value independent of the number of retained modes. As as example , Fi gure 7
presents the stability derivatives that are used in the 3, 7, and 13 retained structura l mode
study summarized in Figure 6.

• Konar , Mahesh . Stone , and Hank (Ref. 15) investigated the effect of re sidua liza t ion and truncatio n
upon the design of an optimal ALDCS control system for the C—5A. Of interest here is the effect
of residual and truncation mathematical formulations upon the time-domain responses of the closed-
loop dyna imm ica l system. These data are calculated by first updating the FLEXSTAB m ath model of the
C— 5A (Ref. 12) w i t h  experime ntal data to match flight test results as closel y as pos sible. Then ,
an optim a l ALOCS control system is designed (as discussed in sect ion 2.0) for the residua l flexi-
bi l ity case in which 24 unaugmented aircraft states are reta ined . Fina l ly, g iven tha t  control
system , t ime histories of selected responses are calculated for the case in which only the sensor
equations and then the sensor p lus state equations are truncated . Typica l responses are presented
In Figures 8 and 9. As shown , the pitch rate of the center of mass and the wing-root bending
moment are more sensitive to sensor truncation than to state truncation .

• Peloubet , Hailer , Cunningham , Cwach , and Watts (Ref. 7) analytically studied the effect of resi-
dualhatlon and truncation on a flight-test observed instability in the YF-l6 handling qualities
au~nentatIon system. The problem , mentioned previously in section 3.0 was corrected In the YF-16
In 1974, but is of continuing research Interest because it is difficult to thec retic all y p redict
the phenomena . Tables 2 and 3 present selected results from Reference 7. Here the analysIs Is In
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the frequency dom.-j in wi th experimentally-corrected , doublet la tt ice theory providing the unsteady
• aerodynamics Information. As shown in Table 2 , the low frequency (w — o.l53 Hz) .  residual flexi-

b i l i t y  measurements for sensors near the Center of mass of the unauqmented a i r c r a f t  have a magni-
tude and phase ang le nearly Independent of the number of retained s t ruc tura l  degrees of freedom.
In Contrast , the truncated modes formulation provides transfer function amplitudes and phases
that ,jre dependent upon the number of retained states. In the truncated formulation of the un-
augmented YF-l6 dynamics , it takes six elast lc degrees of freedom to approach the residual
flexibility formulation results for only one retained structural degree of freed om. When the

— lateral-directiona l handling qualities augumentation system is included in the analys is the
results are somewhat mixed . In the case of yaw-loop closed and roll-loo p open for the wing-tip

— missiles-on (Table 3a), the residual formulation solution for the phase-crossover gain-margIn
converges much more rap idly than does the truncated modes formulat ion . Based upon convergence
alone , the missiles-off configu ration (Table 3b) also appears to be bes.t represented by the resi-

dua l flexibility formulation .

From these results , it may be conc l uded tha t the truncated and the residua lized forms of equations
(I) and (2) describe different system dynamics for the unaugmented and augmented aircraft. Of course ,
the difference between the two formulations slay be large or small depending upon the aircraft and its
mission. A review of the literature indicates that the structural speaia list currently perfers the
truncated formulation , while the fli ght control specialist may employ both formulations. Clearly, incon-
sistencies may arise if each discip line approaches the design requirements with its omn formulation of
the dynamics.

4.2 Representation of Initial Conditions

It is standard practice in the fli gh t control studies to represent the dynamics of the mean-axis-
system by states 

~~~
- and ~~ , as indica ted in equation (2 ) .  In contrast , structura l specialists most often

approximate these states as the so-cal led “rig id body modes ”:

— Lxzoyc~ J , where x , y, and z are inert ial coordinates.

An Inspection of the terms in equation (2) indicates that initial conditions of motion (quant i t ies
that a- c subscr ipted w i th  “I”) p lay a prominent role in the numerical calculations. Of further interest
then is the consideration of in i t ia l  conditions in state equations with independent coordinates

This consideration of int i t i a l conditions is best approached by observing the kinemat ic expression
in equa tion (2c) provides a partial transformation between ~,,. and ~~~., namely (Ref. 14):

~~~ 
rI 0 -so] 

~1
— 0 c~ cesol ~

Rj  L° -s~ cOc~J ~
)

If equation (2c) is augmented by an additional ki nematic expression between u , v , w and ~ , ~
‘ and ~ , a

comp lete expression nay be dcve loped to t ransform (2) front ~~~ , ~~ , ~ nd u space to and u soace . This
addit ional kinematic expression is the well  known trajectory equations used in s t a b i l i t y  anq controi
(“fli ght-path” equations of Reference 14):

f x 7  [cocC sOsOc! - c~st’ cGs$c’i’ + s5sT~ ~u
~ — cOs4’ sOsOsY + c c Y  c$ses~ - s~c~ V

~ L~° s$cO cicO J ~W

These kinematic expressions may be combined to yield the desired transformation of state (Ref . 16)?

cOc ’l’ s0 0 s’l’cO 0 7 ~~~. (3)
sOc0c ’l’ cOcO 0 s0s’I’c$ 0 0

O 0 c$ 0 0 s~c0 I
s0c’VsO s$c0 0 sSsOsW 0 0

-s’l’cO +c$c,
O 0 0 0 I -sO
0 0 -sO 0 0 coc~j

Note that the transformation contains both in i tial conditions of motion as wel l  as perturbation v .ilues.
Once the i n i t i a l  condit ions arc s pec i f ied  i n  

~1~l 
space , the genera l form of the transform becomes:

~~~— Tlj~~+ T 2 ~ . (4)

where TI and 12 may be nonlinear in the kinematic states , x .

As examples:

• The transformation for the case of steady, straight wings- leve l, c l i m b i n g  f l ight Is defined using
stab i l i t y  ax iS (W 1 0) variables by sett ing V 1, P1, 6~, R 1, •1~ ~l equa l to zero In equation (3). 
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U1 and 0 1 are nonzero constant values . In this case TI and 12 are independent of and sparse :

w xsO 1 + zc0 1 + U 10
q 0

v — ~~-gi U 1 c0 1 
(5)

9~~~ .

• The transformation for the case of steady , wings-level , Ig straight and level flight has
only U 1 nonzero. Thus , for s t a b i l i t y  axes:

u x

w ” ~~~+ U 1
0

q 6  (6)
v = y ~~~

UlmSm

Conventional and CCV fli gh t control systems are designed to provide satisfactory performance for
many ini t i a l  conditions besides steady, level , Ig Climbi ng fligh t. This is accomplished using
equations of motion such as indicated in equation (2). However , i t has been the Convention of many
structural dynaimicists to demonstrate compliance with certain of the MILS PECS using equations of motion
in !.r and u space that appl y only to steady lg straight and level flight. This formulation can be vis u-
alized by firs t equating all initial conditions in equation (2a) to zero except U 1 and then t ra nsfor m i ng
using equation (6) . It should be clear that the solu tion of equations (2) for the states , measurements
and responses of the unaugmented aircraft w i l l  be different for flig ht control and structures staffs
unless grea t care is taken to account for the ini t i a l  conditions in a consisten t fashion .

Conside r the Importance of in itial conditions on the horizontal tail torsion due to a frequency
sweep by the outboard aileron as presented in Figure 10. These data presented in the form of Bode
logari thmic amplitude and linear phase ang le plo ts, a re es t i ma ted theore t i c a l l y  for an unaugmen ted
B-52/17 aircraf t configuration using the Woodward method corrected for the low frequency aerodynamics on
the state only. The FLEXSTAB computer program defined in Reference 9 is the computer mechanization of
equation (2).  The transfer function that is presented is typ ical of a response that mi ght be considered
in designing a maneuver load control system for the wing. As indicated in Figure 10 , the ho r izon tal ta i l
torsion for these two initial conditions i s  substantially different in both phase and amplitude at low
frequencies of the order of the phugo id where a reduced static stabil ity or handling qualities control
system mig h t be required .

4. 3 Forward-Speed Degree of Freedom

it is often apparent in structura l analyses , particulatly those associated with flutter , that the
structural dynamic:ist has neglected the forward-speed degree of freedom , u (or ~), whi le  the f l i gh t control
specialist has not . The neg lect of forward-speed effect means that the first equation in (2a) is elimi-
nated. This , affecting consistency of analysis between structura l and fl i ght control specialists , was
justified in the past on the basis that there is a large frequency separation between the phugoid and
short period modes; It was suff ic ient ,for the structural dynamic ist to represent only the short period
dominated motions , w and q (or ~ and 0). However , reducing the static long itudinal stability can cause
a coalescence of short period and phugoid motions into two aperiodic modes plus a third oscillatory mode ,
a phenomenon that can not be realist ically approximated if the speed terms are neglected.

In order to illustrate numerically the importance of the speed degree of freedom , a root locus on
Cm (the measure of long itudinal static stability) of an unaugmented B-52E/L7 confi guration is calculated
fo~ the lg wings-level flight case discussed in  Figure 10. In Fi gure Il the data are presented for a
variation oI~ C,~~ from -O.0l7/deg. (statically stable) to +0.OI7/deg . (statically unstable). Retentior of
the forward-speed degree of freedom results in the presence of the phugoid-mode. As C~~ , is  varied this
mode first moves to the rea l axis and then coalesces with the aperiodic short period mode to form the
third oscillatory mode and an unstable aperiodic mode with a very small time-to-double amplitude. If the
forward-speed degree of freedom is neglected , the coalescence of modes to form the third oscillatory mode
would not occur and the unstable short period aperiodic mode would possess a different dynam ic character-
istic. A reduced static stability or other handlin g qualities control system is of course s e n s i t i v e  to
all these.modcs. It is also influenced by and alters other higher frequency dynamic modes owing to
(I) structural feedback throug h the control surface actuator; (2) sensor measurement of hig he r frequenc y
structural modes; and (3) ei genvector coupling between states of the compensating control system and
invacuum structural modes.

5.0 CONCLUDING REMARKS

The Intent of design guidelines to enforce consistency in structural and flight control analysis and
synthesis has been discussed. As indicated , CCV—type control systems are multiple-input/multipl e-output
systems In most app lications , requiring that the aerodynamic formulation be expressed in the frequency ,
t.aplace and time domaIns in order to demonstrate compliance with MILSPECS and similar guidelines . Also ,
as shown, the mathematica l formulation describing the dynamical system , par ti cularily the equations of
mot i on of unaugmented aircraft , must not possess unjus tifiable or unproven approximations and must define
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the system from very low to moderately large frequencies. In order to enforce consistency in s t ruc tura l
and fli ght control analyses it is apparent from time examples g i ven that the F li g ht control specialist
should become increasing ly familiar with unsteady aerodynanmic theories and computeri zed methods. In
addit ion , it is evident that the structural specialist should become equall y familiar w ith the more
precise system dynamica l formulations that the fli ght control specialist uses matter- o f-fact ly.

Ingredients for good and appropriate criteria , one goal of the Conference Coiiwnitte e on Structura l
Aspects of Active Controls , may well be found in the state space form of the equations describing the
controlled dynamica l system , e.g., equations (Ia - Id). This formulation , expressed in the time domain ,
enforces consistency between flight control and structura l specialists ’ ana l yses by clearl y defining
technical responsibility for each state , measurement , response and control equation . The solution of
these equations provides , simultaneously, direct and ind i rect numerical evaluations of significant
parameters that are of interest to the specialists who must currentl y interpret time existing MIL SPECS and
other guidelines. Thus , the state-space equations are a numerical realization of the design guidelines
that interrelate separate disciplines in the CCV anal ysis and synthesis task.
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Table I. Parti a l Listing of MILSI’EC Statements Relevant to CCV Desiqn

MILSPI.C PRIMARY PARAf~RAP iI5 OIlIER PARAGRAPHS

87858 6.6 EF fccI.s of aernela st ic ity , control eguipnle nt , and struc t ural dyna -iii cs . 3.1 , 3.4, 3.5, 3.7
Since aeroelasticity, com ,trol equipment, and structural dy nani cs may exert
an important influence on the airplane flyin g qual it ies , such effects should
not be overlooked in calculations or analyses directed toward investigation
of compliance with the requirements of this specification . 

_____________ —

8860 3.5 Deformations. The cumulative effects of elastIc , permenent , or thermal 3.8, 6.2
deformations , ac t i n g  si ng l y or together , which result from application of
landing, loads , fati gue loads , and limit loads shall not:

a. Inhibit or degrade the mechanical operation of the airp lane

b. Affect the airplane ’s aerodynamic characteristics to the extent
tha t performance guarantees or flying qualities requirements cannot
be met

C. Requ i re repair or replace of parts.

8861A 3.14 Stability augnmentat on devices. The effect of stability augmentation 3.22
and automatic control devices shall be included , where applicable. The
design conditions shall apply for operative , i noperative , and transient
modes. In failure cases , any variation or reduction of the device capability
shall be inc l uded in the structural design condition .

3.22.2.1’ Airplane turbulence response. Airp l ane turbulence response shall
be characterized by the response parameters A and N0 which are determined by
a dynamic anal ysis of the airframe. The dynamic analysis shall incorporate
ri g id body mot ion , significan t flexible degrees of freedom , the flig ht
control system , and the stability augmentation system. Augmentation system
requirements shall be consistent with MIL-F-8785. Significant effects shall
be represented by equivalent linear representation which shall be demon-
strated to be conservative. in conjunction with the dynamic analysis , when
specified in the application contract , a flight simulation shall determine
the effects of control i nputs on structural loads when encountering extreme
value tisrbulence. The turbulence levels shall be of sufficient severity to
cause structural limit load occurrences. Adverse coupling shall be
corrected. The following definitions shall apply.

94900 3 .1 .11 . 2  St i f fness.  The stiffness of fli ght control systems shall be 3 .1.2 , 3.1.3 , 3.2.6
sufficien t to provide satisfactory operation and to enable the aircraft
to meet the stability, control , and flutter requirements as defined in the
applicable portions of MIL-F-8785 , MIL-A—8870, MIL-F-83300 and MIL-A-8865 .
~1nrma l structural deflections shall not cause undesirable control system
inputs and outputs. 

____________________

8870A 3.2 l Aumentatton systems. For airplanes wi th  augmentation systems , the 3.2.6 , 3.2.7,  Ie.2.~
flutter margins and damping requirements of 3.1 shall be met both wi th the 4 .2 .3 ,  4 . 2 .6
system inoperative (system off) and with the system operating. In parti-
cular , at speeds up to V1, the operating system shall be stable with: (1) a
gain margin of at least ±6 dB , and (2) separately, a phase margin of at
least ±60 .

4.1.1.7 Servo-control analyses. The dynamic characteristics of control
surface actuating systems such as servo boost , fully powered servo control ,
and other types shall be included in the flutter analyses . The effect of
hi gh temperatures on the dynamic characteristics of the actuating systems
including the hydraulic fluid shall be included . Augmentation systems
which nmay alter the dynamic response of the airp lane shall also be in-
cluded in the flutter anal yses; the method and approach used in these
analyses shall be subject to review and approva l of the procuring activity .

8,q66A 3 .1.1.2 Serv ice  loads spectrum . The service-loads spectrum is derived 3.4, 3.5,  3 . 1 1
from a collection of load spectra. Each loads spectrum in this collection
shall define the expected (average) number of load cycles according to load
imagnit ude for a g iven source of repeated loads. The loads spectrum for
each significant source of repeated loads shall be based on a realistic
interpretation of the desi gn usage . The contractor shall include all
si gnificant sources or repeated loads. The source of repeated loads may
includ e , but not be limited to, ground handling and taxiing operations ,
landing operations , flight maneuvers , atmospheric turbulence , in-flight
refueling, autopilot , inputs , cabin pressurization , buffeting , terrain-
following , and the ground-to-ground cycle. 
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FIGURE I. Spa tial Aerodynamic Finite-El em ent Representation of a Swept-Wing Aircraft

Wi th Double Box Nacelle
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FIGURE 2. Small Perturbat ion Expansion Parameters and Theoretical Range of App licability
of Low Reduced Frequency Unsteady Aerodynamics Method (Ref. 9)
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TABLE 2. Y F- 16 Unaugmented Airplane Sensor Response at  Lowest Analys is  Frequency (Ref. 7)

T~bIe 2a. Missiles-on , P4—0.90, Altitude — 20000 FT.

DE(REES 
~y
t6r 

_________ ~~~ ________ ~‘~r 
________ANALYSIS OF ~~ 

——  ________

METHOD FREEDOM (Hz) PHASE PHASE PHASE PHASE

— 
MAGNITUDE (0CC) MAGNITUDE (DEG) MAGNITUDE (DEG) MAGN ITUDE (DEG)

TRUNCATED 3 .150 1.3926 177.64 1 .44280 -104.442 2.6565 158.014 30.664 -18.757
MODES 

5 .150 1.3877 177.586 .44121 -104.478 2 .8117 156.387 23.988 -19.956

9 .150 1.24 5 1 177 .396 .39706 -1 04.4 78 2.8 352 156.558 24 024 -20.028
19 .150 .99952 177.689 .32284 -104.011 2 .4 6 17 158 .242 15.579 -18 . 4 13

RESIDUAL 4 .150 1.0153 177.401 .32537 -104.482 2.2247 157.375 14.431 -19.060
FLEXIBIL IT 

5 .150 1.0155 177.409 .32537 -104.477 2.1860 157.770 15.485 -18.954

9 .150 1.0147 177 .551 .32509 —104.346 2.1752 157.862 15.440 —1 8 .981

Table 2b. Missiles-off , M=O.9O , Altitude — 15000 FT.

TRUNCATED 3 .153 1.6745 177.708 .44257 -106 .465 2.6817 165.350 31.714 -11.445
MODES 

9 .153 1.4569 177.513 .38580 -106.629 2.3364 165.059 24.341 -11.370

_________ 

19 .153 1.11 30 l77.88
~~,L.

2994O -105.949 2.0524 166.478 17.218 — 10.1 73

R SIDUAL 4 .153 1.1336 177.444 .29586 -1 07.011 1.7930 165.835 17.378 -10.909
F L E X I B I L I T Y  9 .153 1.1341 177 .64 3 .30233 -106 .359 1.7976 166 .193 17.357 - 10.6 20

TABLE 3. YF-16 Roll Rate/Aileron Open-Loop Frequency Response a t -180 Degrees Phase , Yaw-Loop Close d
(Ref. 7)

Table 3a. Missiles-on , M 0.90, A l t i t u d e  — 20000 FT.

DEGREES TRUNCATED MODES RESIDUAL FLEXIBILITY
OF

FREEDOM a , Hz MAGNITUDE w , Hz MAGNITUDE

4 - — 6.07 1 . 1 1

5 6. 12 1.78 6.09 1 .52

9 6.10 1.80 6.09 1.54

19 6.10 1.55 - -

Table 3b. Miss i les -o f f , M=0. 90 , A I t it ud~ = 1 5000 FT .

DEGREES TRUNCATED MODES RESIDUAL FLEXIBILITY
OF

FREEDOM w , Hz MAGN ITUDE ~~, Hz MAGNITUDE

4 - - 3.80 .427
9 3 .93 .573 3.8 1 .467

19 3.77 .418 — - 

- 
~~~~ ~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~ A
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YC—1 4 CONTROL SYSTEM REDUNDANCY

William T, Hamilton
Vice President — Engineering

Boeing Aerospace Company
P.O. Box 3999, M. S. 8 5 — 8 6
Seattle ,Washington 98124

Summary

The YC—lIe is the Boeing entry in the USAF Advanced Medium STOL Transport (AMST)
program. The task of operating a large jet aircraft into and out of a semi—prepared ,
2,000 feet long airstrip with a 21,000 pound payload presents an unusual flight control
challenge. The YC—l4 answers this challenge using an advanced flight control system that
includes digital computers. Excellent STOL flying qualities have been achieved through
control wheel steering and speed hold modes. Fail operational , tail safe performance is
provided by a triplex flight control system . Aircraft dynamics following an engine
failure are docile and do not require immediate pilot attention or unusual skill. The
superior capability of digita l computers to perform logic functions enables a comprehen—
sive , semi—automated , preflight test. Failures are detected and identified to the Line
Replaceable Unit (LRU). The YC-.l4’s use of redundant digital computers in the flight
control role is a first for an aircraft designed to demonstrate operational use.

YC—l4 Configuration

The YC—l4 , as shown In Figure 1, incorporates many advanced technology and design—
to—cost features. Powered lift is produced by directing the exhaust of two large ,
modern , high—bypass—ratio turbofan engines over circular cross—section flaps by the
Coanda effect. Studies by NASA and Boeing have confirmed the superior performance of
Upper Surface Blown (USB) flaps and the Coanda effect in generating powered lift . See
References 1 and 2. The engines are located close to the fuselage to insure adequate
control following an engine failure. A twin engine configuration was selected because in
Boeing ’s opinion engine procurement and maintenance costs are lower than those for a four
engine aircraft , and a modern engine with the desired thrust level was available. USB
flap deflections can be modulated at high rates in response to Control and Stability
Augmentation (CAS ) commands for airspeed Control. Cruise speeds in excess of M 0.7
with an unswept wing are achieved through the use of supercritical airfoil sections.
Superior rough field operation is attained from a long stroke , high energy absorbing,
high flotation , lever action landing gear. Design_to—Cost is evidenced by the unswept
wing, constant sections in the fuselage and vertical tail , and identical structure in the
right and left horizontal stabilizer panels .

I31 FT 8 IN “I
(40 13W)

WING AR EA: I.762 S0 FTI163 .7SOMI
CARGO COM PARI MEN ISIZE : -

47 FT LENGTH 114.30*41
11.7 FT WIDTH (3.SM) -

11.2 FT HEIGHT (MINI (3.4M1
ENGINES: CF 6-500

48,300 - LB SLS THRusT (INSTALLED) 0
4.3 BYPASS RATIO
1.86 FAN PRESSURE RATIO

129 FT ‘l
- (30.33W)

1* FT 7 IN
- (5 .88W)

F i g u r e  1 B o e i n g  a d v a n c e d  m e d i u m  STOL t r a n s p o r t  p r o t o t y p e  — YC— 14
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Concern is often expressed regarding a twin—eng ine aircraft ’s performance with a
failed engine. Actually, an aircraft with two engines is designed to have the same
residual performance with an eng ine failed as a four—engine aircraft . As a result , this
twin— engine aircraft has 50 percent more installed thrust. This larger thrust installa-
tion is economically sound , since engine acquisition and ownership costs are lower for
two large engines than for four smaller ones. The normal YC— l4 flight control system
inherently controls the dynamics following an engine failure so immediate pilot action is
not required; nor is unusual piloting skill needed. In addition , advantage was taken of
the flight control system ’s ability to improve STOL performance.

Key design flight conditions are listed in Figure 2. Short takeoff and landing (STOL)
is characterized by an 86 Kt approach speed on a 6° glide slope. The operating lift
coefficient W 2 3.6 is over twice that of conventional jet transports. Cruise at

qS
high Mach number and altitude means that all of the transonic aerodynamic phenomena must
be considered in the design . Finally, low—altitude , hi gh— speed dash imposes requirements
to Operat e at high dynamic pressures. The ratio of maximum to minimum operating dynamic
pressures Is about twice that of conventional aircraft and 50 percent more than supersonic
transports.

MACH. NO. JET TR ANSPORT CRUISE
~O is 0.5 06 0.7 0.8 / 400 KTS(TRUEI

40 ABOVE 35.000 FT

ALTITUDE 
ioa,,~ LTRANSOMIC EFFECTS

1000 FEET

S HIGH-SPEED DASH
10

~::f~:: 1 EOtflVA LENT ~~~~~~~~~~~~ K~~ 

-e= 

[

GHDYNA:ICPRESSUR

]

86 KIS IEAS) LANDING
.0 GLIDE SLOPE

Figure 2. YC— lb key design flight conditions

With the powerful elevators required for STOL operation , control sensitivity is high
at cruise speeds. As shown in Figure 3, the ratio of maximum operational dynamic pressure
to that at STOL landing is much higher for the YC— l4 than for the efficient 727—200 or
for an advanced SST. Satisfactory control sensitivity was provided with an elevator ratio
changer.

• MAXIMUM PAYLOA DS
• YC-14, STOL LANDING

• q - DYNAMIC PRESSURE —
20

q MAX
q LANDING

YC.14
10

_______ BOEING
1

727

e 

707.120 

— -

Figure 3. Operating dynamic pressure ratios

The YC—14 has a very effective flight control system powered by three hydraulic
systems (Ref. 3). Multiple control surfaces shown in Figure 4 provide additional redun-
dancy. The large , double—h inged elevator3 and rudders produce about twice the control
power of comparable conventional jet transports . Lateral control from ten spoilers and
two ailerons is two— and—one half times more powerful than for CTOL aircraft. Control
surfaces are signalled both mechanically and electrically. The USB flap is fly—by—wire
and an integral part of the flight control system.

The electrical flight control system centers on triple digital flight control
computers (Ref. 4). Sensor inputs and servo drive outputs are processed in three inter-
face units. All cross—channel data used for redundant operation is transmitted via fiber
optica . Fault detection and channel isolation is automatic. Marconi Elliott Avionics
Systems Ltd. of Rochester , Kent , England designed and built the digital control system.

-‘ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ i ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ,-,.,- -~~~~~~~~~~ —
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The ai r c r a f t  also has t r i p l e  d i g i t al  air  data computers , an inertial navigation
sys t em , and an e l e c t r o n i c  a t t i t u d e  d i r e c t o r  i n d i c a t o r  ( E A D I ) .  The EADI d i s pla ys  a t t i t u d e ,
f l i g h t pa th , altitude and airspeed information supplemented by background real—world
television display. Electronic systems are used extensively to enhance YC— 14 performance
(Ref. 5).

STABILIZER
(TRIM)

LA. FLAPS(S) AILERON RUDDERS (3)
(DOUBLE HINGED)

SPOILERS (3) FLAPS (2) EL EVATORS (~~(OUTBOARD) USe FLAP (DOUSLE HINGED)
SPOILERS (2)
(INBOARD)

USe FLAP

FLAPS (2)

AILERON

SPOILERS (2) SPOILERS (3)
(INBOARD) (OUTBOARD) LB FLAPS (N

Figure 4 .  F l i g h t  c o n t r o l  s u r f a c e s

From its inception , Boeing has required superior flying qualities for the YC— 14 .
Powerful controls are provided to enable quick aircraft response to control commands
during low airspeed , STOL operation. Since most aircraft accidents occur during takeoffs
and landings , and are generally related to flying qualities characteristics , not engine
failure , the YC—l4 was required to be easy to fly in these critical flight regimes. The
pilot is able to direct his attention principally to outside situations inherent in
tactical airlift.

STOL aircraft typically experience powerful propulsive lift interaction with their
basic stability and control characteristics , and fly on the “backside ” of the speed—
thrust curve. This is , increased thrust is required to fly at a lower airspeed , a
condition opposite to that of most Conventional Takeoff and Landing (CTOL) aircraft . If
a pilot attempts to control the flight path angle of a “backside ” aircraft using the
control column , flight path instability results. Ordinarily , a pilot flying a STOL air-
craft has to control attitude with control column and sink rate with engine throttles.
While the backside control technique is feasible , the control task is demanding, and as
concluded at Boeing, not consistent with effective military operation. As a result , the
YC—l4 is designed to be controlled with normal pilot techniques. In fact , with the USE
flap ’s high rate performance , the YC~ l14 is easier to control than contemporary aircraft
because of its superior airspeed hold mode. The p ilot’ s control task during landing
approach is simply to point the aircraft to the desired touchdown point using one—hand
control column and control wheel commands. Airspeed is maintained automatically and
accurately.

Fail-operational/fail—safe performance was required to provide desired mission
reliability. In the simulators the YC—l4’ s STOL flying qualities with CAS inoperative
are rated Level 2, Figure 5, “Fly ing qualities adequate to accomplish the mission Flight
Phase , but some increases in pilot workload or degradation in mission effectiveness , or
both exists. ” However , without CAS , the pilot must use the “backside ” control technique
in the critical STOL landing flight regime. It was not considered prudent to require this
increased pilot workload for tactical airlift . With fail—operational systems , CAS—off
operation becomes so infrequent that diversion to an airfield with a longer runway , where
a normal CTOL landing can be made , is reasonable. Aircraft and crew safety benefit with-
out unacceptable degradation of mission effectiveness.

Fail—operational/fail— safe performance was achieved through redundant control surfaces
and systems. At least three aerodynamic control surfaces actuated by three independent
Hydraulic Systems are available for each control axis. Three CAS channels , each powered
by a different Electrical System , are also provided for each control axis. Mechanical
elements in the Flight Control System (FCS) enable safe controllability with a total
Electrical System failure.

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ L.a.. ... ~~~~~~~~~~~
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Fig ure 5. Pilot ratings of YC-l14 flying qualities , STOL landings

Longitudinal Flight Control

Pilot control commands are transmitted electrically and mechanically to the elevators ,
as shown in Figure 6. During flaps—down operation , sensor feedback and p ilot’ s electrical
commands are transmitted through the FCE to duplex Series Electrical Command Servos (SECS)
plus a SECS model. Since no off—the-shelf SECS with satisfactory features for mechanically

13 DATA J
13
ACTUATION~~~~ F~~~S

I SENSORS~~~ J CONTROL k’IACTUATION L.JELEVATORS
13 I ELECTRONICS i 14

ACTUATION SPOILERS

13 TRIM J’~ L. FE’eL i ACTUATION}...I STAB ILIZE RJ

I _____________ _____________

ELECTRICA L ACTUATIO~}.S[ 
ENGINEi ]

MECHANICAL __________ 7 I

F i gu re 6. Long i t u d i n a l  f l i g h t  c o n t r o l  s y s t e m  i n t e g r a t i o n

limiting its output existed , a 7147 Parallel Electrical Command Servos (PECS) and its
associated longitudinal feel system were used for flaps—up operation . They limit any
failure transients caused by the FCE or the PECS with in + 1.0 g ’s. The YC—l4 ’ s aerodynamic
characteristics enable easy recovery from transients. Cost savings were derived by using
only a single—channel PECS during flaps—up operation , althoug h all three FCE channels
compute and monitor commands. The C—l4 will use the same series servos for flaps—up and
flaps—down flight. Elevator actuators are modified 7147 components.

Pilot’ s c ommands are transmitted electrically to wing spoilers for direct lift control.
USB flaps , used to control airspeed during landing approach in addition to providing
powered lift , are commanded electrically by the FCE with inputs from selected flap position
and aircraft dynamics sensors. Electrical commands are also sent to engine throttles for
airspeed control.

An elevator ratio changer is used to reduce control sensitivity during highspeed
flight .

The all—movable stabilizer provides longitudinal trim. 747 trim control modules and
a 707 jackscrew are used. Automatic trim is commanded by the FCE. When the FCE is
disengaged , the pilot can command trim electrically by a thumbswitch on the control wheel ,
or mechanically by a level located on the aisle stand.

Lateral Flight Control

Pilot control commands are transmitted electrically and mechanically to ailerons and
spoilers , as shown in Figure 7. Sensor feedbacks are transmitted through the FCE to
aileron and spoiler SECS during all flight conditions. Aileron actuators are components
used on the E-2A airplane. Inboard spoilers and their actuators are 747 units; outboard
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spoilers and their actuators are f r o m  the  727.  An e l e c t r i c  a c t u a t o r , co n t r o l l e d  by
switches on the aisle stand , recenters the feel mechanism for trim.

I~ DMA1f 
r

TUATIa
~~~~~~

A IL
~~~~~~J

13SENSORSH 
ELECTRONIcS ~~~~~~~~~~~~~~~

______ ______ 

I~ _______I ~~~~— ELECTRICAL

13 TRIM }—44 
~~~ H MECHANICAL
TRIM

I SPEED ________________

I BRAKES

Figure 7. Lateral flight control system integration

Directional Flight Control

Pilot control commands are transmitted mechanically from rudder pedals to the power
control actuators , as shown in Figure 8. CAS inputs are series summed at the actuators.
Rudder actuators are modifications of those used on the DC—1O. Trim is accomplished by
mechanically recentering the feel system .

~~~~~
‘1

cONTR0L 1 _ _ _  _ _ _

I,S~
S0RS 
H3

ELECTRONIcS 
~~~~~~~~~~~~~~~~~~~~~~~~~

IRUDOERI IbPE~~!!i ________ F ELECTRICAL

I I ~ MEC HANICAL
TRIM TRIM

Figure 8. Directional flight control System integration

Aircraft C~ ntro1 Response

Longitudinal Control

The YC—l4’ s response to control input s during STOL landing approach with the CAS
inoporative was described earlier. Long itudinal control response dynamics with the CAS
operating are presented in Figure 9. Pitch attitude and flight respond quickly and
smoothly to control command. Airspeed drops momentarily from 86 to 84 knots during a
positive flight path increase of four degrees in 10 seconds. USB flap deflection decreases
automatically from 52 degrees to 38 degrees while gross thrust increases automatically and
smoothly from 32 ,000 pounds to 146,ooo pounds. Following control column centering, the new
aircraft stat e is maintained. The smooth , precise performance of pitch CWS and the Speed
Hold modes allows the pilot to control the aircraft easily with one hand.

~ ~~~~~~PITCH 10 ___________________

ATIITUDE
b EG) 0

COLUMN 30
:‘&r5 ~1r,

h O

~~
RSPEEO SO

TIME (SEcONDS)

Figure 9. R e s p o n s e  to  Pitch command , STOL landing configuration
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Speed H old

The a i r c r a f t ’ s r e s p o n s e  to  a speed command i n c r e a s e  of 10 kno t s  w i t h o u t  o the r  p i l o t
a c t i o n  is p r e s e n t e d  in F i g u r e  10. As shown , the  speed i n c r e a s e  is smooth , a t t a i n i ng 95%
of the  commanded va lue  in 12 seconds .  The USB r e t r a c t s  a u t o m a t i c a l l y  f r o m  52 degrees  to
40 deg rees .  Thrus t  i nc r ea se s  f rom 32 , 000 t o 48,000 pounds during initial acceleration
and t hen  reduces  to a s teady s ta te  value of 40 , 000 pou n d s .  S ince  p i t c h  a t t i t u d e  is held
constant , steady—state flight path angle must increase as speed is increased. Consequently,
the pilot’ s task to acquire a new airspeed consists of selecting the desired airspeed on
the CDP and controlling flight path angle.

AIRSPEED
ISO 

~~~~~~~~~~~
00

~~ AIRSPEED

PITCH 
20

ATTITUDE 10
(DEGI

~~~~~ 
_ _ _ _ _

i
GROSS
THRUST 25
(‘000 1551

0

0 5 10 lb 20 25 30
TIME SECONDS)

Figure 10. Normal response to speed command , STOL landing configuration

Engine Out

The YC—14’ s response to an eng ine failure is docile. The effect of an engine failure
during STOL landing approach with the pilot’ s hands off the controls is presented in
Figure 11. First , note the loss of lift from one of the two eng ines caused only a momen-
tary reduction in normal load factor from 1.0 to 0.92 g ’s. Within eight seconds , the
normal load factor returns to 1.0 g, hands off. The maximum bank angle following the
engine hands off , is 9 degrees. The maximum sidesli p is 5.5 degrees. Pitch angle is
maintained within one—half degree. All of this is accomplished by the FCS as it normally
operates during every landing. Obviously, immediate p ilot action is not required. The
pilot’ s task , following an engine failure , is simply to command the aircraft to the desired
landing point . Thrust is increased on the operating engine automatically to hold airspeed.

50

GROSS
THRUST NO. I
PER 25
ENGINE
11000 ~~( 
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LOAD 1.0FACTOR
~~~~ .8
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Figure 11. R e s p o n s e  to  e n g i n e  f a i l u r e  w i t h  p i l o t  “ hand s o f f ” of c o n t r o l s
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Systems used normally during every landing are satisfactory for controlling the YC—14
to a STOL landing with an engine failed . However , the aircraft is in a fairly high drag
configuration with spoilers used for lateral trim and , as a result , the glideslope could
be flattened only from — 6 to -14 degrees. Although -4 degrees performance is adequate to
complete a STOL landing under good conditions , flight simulator tests showed it was not
forgiving if maneuvering was required to correct for an off—nominal approach. To improve
engine—out performance , pressure sensors in each engine transmit signals to the FCE for
failure detection. The FCE then c ommands flap retrim to reduce lateral control spoiler
deflection. With the resultant reduced drag , the YC— l4 can be pulled up to level flight
at STOL landing speed with a failed eng ine. A landing can be readily completed even when
maneuvers are required , or with go—around configuration selected , a positive climb gradient
can be attained without air— speed increase. The improved performance with automatic flap
retrim thus increases the options available to the pilot.

Conclusions

The YC—l4 establishes a new level for tactical transport flight control. Its fly ing
qualities are excellent for either STOL or CTOL operation , and its FCS is a step advance-
ment with its inclusion of triplex , dig ital flight control electronics. Digital electron-
ics , which are making rapid technical and cost advances , will likely become standard in
future flight control systems. The ability of dig ital computers to perform log ic functions
enables comprehensive system tests , failure monitoring and identification. These advan-
tages will be reflected in favorable maintenance costs. Finally, the flexibility of
digital computers , if used with discipline , enables development of superb flying qualities
with fine tuning as required during flight test , and permits aircraft FCS growth as needed
for new missions.
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RESUME

Le Contróle actif du flottement a été expérimenté en soufflerie sti r une maquette d’ai le m u n i e
d’un reservoir extérieur. Les forces aCrodynamiques du contrôle étaient engendrees par un
ai leron classique , pilotC par tine servo-commande miniature, I partir d’u n s i gnal provenant du
mouvement de I’ai le. Une loi de contrôle Unique a été utilisCe dans tout le domaine de vitesse.
Un gain de pIUS de 1 5 0~~ a été obtenu sur Ia vitesse critique de flottement.

Descripteurs (thesaUrus CEDOCAR) Vibration st ructure — Ffo t tement aCro Clostique — Oscil-
lat ion ai le — Amortissement vibration — Stab i l i sat i on — Set vocommande s .

W IND TUNNEL STUDY OF AN ACTIVE FLU’rrEa SUPPRESSION SYSTEM

S U M M A R Y

Active flutter control has been experimented in a wind tunnel on a model of wing carry ing
an external tank. The aerodynamic forces of the control system were generated by a classical
aileron, piloted by a miniaturized servo-control from a signal issued by an acce lerometer detect-
ing the wing movement. A single control law was used in the whole velocity range. A gain
of more than 1 5 o

, has been obtained on the flutter critical velocity.

Descriptors (NAS A thesaurus): Structura l  v ibrat ion — Flutte r — Wing osci l lat ions — Damping
— Suppressors — Stabil izers (fluid dynamics ) — Automatic control — Dynamic contro l — Servo-
control.

( ‘) Chef de DIVIIIOS d. Rech.r,,Ile P l ONERA
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I. — INTRODUCT!ON en se donnant comme support experimental une maquette
d’aile dana laqueUe le flottement est provoqué par la

11 y a déjà longtemps que l’on a imagine de stabiliser un presence d’une charge représentant un reservoir extérieur.
avion ciut aurail naturellement tendance au flottement en Lea forces aerodynamiques de contrôle sont engendrees
utiliaant une gouverne aérodynamique asservie au mouve- par une gouverne de bord de fuite classique actionnCe par
ment de l’aile. Maim la mise au point de ce système de u~e servo-commande miniature piolCe par un signal
contrôle actil exige une technologie très développée dams electri que élaboré suivant tine certame loi de contróle ,
les domaines de l’electromque et des servo-commandes ~ 

p~~~r du signal dun  accélCromètre convenablement
electrohydrauliques et use connaissance precise des forces ~~ p0sé dElIS l’aile. La difficulté principale du contrôle
aerodynamiques qui somE I I~origine des flottements even- actif reside dans La determination d’une lot de contrôle
tuels et des forces aerodynamiques stabilisatrices engen- efficace. CeUe-ci a etC ajustCe en soufflerie. Une Ioi de
drées par la gouverne de contrôle. contrôle unique a permis d’assurer la stabilité dana tout

Dams l’état actuel de la technologie et des connaissances Ic domaine de vitesse explore.
en aerodynamique matationnaire , le corttrôle ach E ne peut
P55 être considéré comme une solution applicable I tous les
cam do flottement. 11 constitue , par contre , un moyen valable
pour éliminer des flottements apparaissant , sur une struc- U. — DESCR IPTION DE LA MAQUETTE

lure initialemont sam e, a Ia suite de changements de confi-
gurations defavorables; los conditions consCcutives a ces L~aile rectangulaire , d’allongement 5,3, est fixée C La
changements de configuration sont souvent marginales paroi (fig. 1). L’épaisseur du proM est do 12 %. Un réser-
pour le flottement , et celui-ci pout etre assez facilement voir de grande dimension est fixé sous la voilure , a 45 %
maitrisé. do l’envergure , par une liaison elastique.

La presence do charges sous Ia voilure des avions mill-
taires provoque des flottements qui entrent dams cette
categoric. En fixant une charge militaire ou tnt reservoir Paroi soulfberie P 4 v
extérleur do grande mertie avec un support dont Ia rigi-

de liberté qul modifient les modes propres de vibration 5 Servo 
~~ ~

tT)

A
dité eat forcément Iiznitée , on introduit de nouveaux degree

do Ia voilure. Certaina modes se dédoublent sans quo la -

défo~~ ée do l’aile change fondamentalement de nature. Servo

Par exemple , 10 mode do torsion so dédouble en general - 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

- - -  

1 14on tine torsion a fréquence relativement élevée, dans 
r 

— ________

laquello Ia charge vibre en opposition avoc l’aile, et on un - 8 7. S~ -

mode A basse fréquence oix la déformée de l’aile presente - 
Volet cia ’ “~ GouvErne

toujours le caractère d’uno torsion , mais ou le mouvoment V 1 contrdce
predominant oat l’osciilation do la charge en phase avec 

1 ~~ 300l’aile. Ce mode so couple avoc la flexion , comnso une b r.. ~
..

sion classique, mais le fait que sa frequence propre soit 1 u~o —Iplus faible quo la fréquence de torsion do Paie lisse contri-
bue A élargir le domaine de flottement. Toutefois, l’oscifla.. Fig. 1. — Contr6le de flottement sur demi-aile rectangulaire (1. 5,3).
lion do la charge, qul eat prédominante dana ce mode, lui Soufflerie S, Cha (ais .
donne une grande inertie (ou masse genoralisee) on dit
quo le mode eat lourd. Cette particularité contribue A
dintinuor e l’explosivité ~ du flottement . La gouverne, équilibrée autour do son axe d’oscillation ,

Bien silt ce flottement . dont le mécanisme resto celui du pout Ctre actionnée par tine servo-coimnande électro-
flottement do flexion-torsion classique, n’est qu’un exemple hydraulique miniature donnant tin couple put et piotCo
montrant comment Ia presence de charges pout aggraver par le capteur d’accélération y4. En l’absence de signal
los couplagos aéroelastiques. do contrôle , la gouvorne est verrouillCe par la servo-

Mais la difficulté du problème pose par la presence de~ commande qui 1w assure tine fréquence propre supérieure
charges résulte surtout de la multiplicité des configurations a 50 Hz.
de chargo qu’un avion peut emporter. Le flottement depend AprCs ajustement des caractéristiques structurales, le
do la masse 01 des inerties do ces charges, do leur répar- calcul prévoyait un fiottement aux environs do 75 rn/ s
tition sous l’aile et do la rigidite des supports. B est forte- en rabsence de contrôlo . Lee trois modes retenus dana
mont influence aussi par l’interaction aerodynamiqus l’étude du flottement étaient la flexion fondantentale A tine
voilure-charge, c’est-A-dire qu’il depend do la forme oxté.. frequence do 9,30 Hz, le tangage dii bidon A 13,55 Hz et la
rieuro des charges. Or, los confi gurations de charges torsion do la voilure A 18,67 Hz. Le calcul montre quo lea
emportCes par un avion donné sont successivement variées : autres modes do la structure sont suffisarnment éloignés
Ia répaitition do masse ost souvent asymétrique ot elle en fréquence pour pouvoir Atre négligés.
évoluo au cours d’une memo mission par suite do Ia consom- Lea caractéristiques do ces trois modes ont ete détermi-
mation du carburant et des largages successifs. nées par un essai de vibration effectué sans loi de contrôle

Costume il est pratiquoment impossible do réaliser une (gouverne verrouillée sur Ia servo-conunande). Lea dCfor-
structure qui assure l’absence do flottement quelle quo soil mCes et los masses généralisées sont précisCes sur la
Ia repartition des charges avoc Un devis de masse raison- figuro 2. On remarque quo los déformées des modes 2 et 3
nable, 11 faut admottre que l’avion petit so trouver A tin sont trés semblables sur l’aile : seule La participation dii
moment donné dana tine configuration do charge amonant bidon diilère en phase et en amplitude.
le flottement , ot 11 taut disposer do méthodes ot Se moyens Toutes Los déformées ayant etC normCes au memo point
souples permettant de le faire diaparaftre sans pénaliser do l’aile, on constate quo Ia —~uso gCneralisee du mode
Ia structure du point do vue massique. do tangage ost nettement plus grande que cefle des autres

Le contróle actil apparait comme un moyen relativement modes. L’aile Ctait CquipCo d’un grand nombro de capteurs
simple et particuliCroment bien adapte A cette application. accCléromCtriques , tous rCglCs pour avoir Ia mCme sensi-
C’est Ia raison pour laquelle l’ONERA en a entrepris l’Ctude bilitC.

——-——~~~~‘—.~~~~~~~~~ - —.~ ~~~~~~~~~~~ -~~~~~~~ -~~~~~~~~—r- .~~~r ~~~~~~~~ ~~~~~ ~~~~~~~~ 
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Mode I Mode 2 Mode 3

Flexion Tangage Torsion

9,30 Hz / 73 ,5~’ Hz F / 8,67 Hz

c. 11,388 m2 kg ~i ~39,2 m2 kg p 8.87m 2 /cg

— 735 mm 

T
N

4 \ ~~ 
A N

:~. ~~~ ~\ 
\. /~

~~iiJJ~~~ ~~
:.c  

___

~~~~~~~~~~~~~~~ ..
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~~ ~1 ~

~

N

~
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Fig. 2. — Modes propres de I’aile. DëformAes normalisees a I metre au point A. frêquence f, masse generalisAe ~z.

Ill. — ESSAIS EN SOUFFLERIE tats sensiblement identiques et en assez bon accord avec
SANS LOl DE CONTROLE los easais. Lea conditions subcritiques ont Cte dCterminCes

en aoufflerie A partir do l’analyse des densités spectrales
Dana une premiere phase la vitesso critique do flottement de la rCponse de is maquotte A is turbulence riaturelle de

a etC dCterminée expCrimentalement sans 101 do contrôle, Ia soufflerie.
et comparCe aux résultata dos calculs effectuCs par is Dana ces essais la gouverne eat verrouillCe sur l’aile par
mCthode de doublets et par sine mCthode do tranches la servo-commando. La comparaison des frCquences et des
(coefhnienta bidimensionneis corn gCs d’un efle t d’ailonge- amortissements thCoriques et ezpérimentaux eat donnée
ment). Los deux mCthodes do calcul fournissent des rCsul- dana Ia figure 3. On remarque quo la cassure de la courbe

20 fkz

0 25 ~5 /  ioo Vm,1~

* so~

p137%.
Fig. 3. — Comparaison thCorie.expCri.nce sans Ioi de contrbl..

Calcul sans Ioi Essais sans lot
u fission a, — 0 a fission a, — 3 ~~x tangage bidon a, — 0 x tangage biden a, — 3 ~/,,0 torsion a, — 0 S tension a, — 5 o/,•
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socag.

4- 

I i t t  I-I 10 mV/1mm ff !~—. j ~~ U *4 it — i ~ ~~5M~~uee~W~MPMAWIJ/ 
~

F 
- 

I I I 1”~’~ O,1 ~ Blocage

:
1 

- y 10 mV,1mm
.- ‘- __________

4 . 4 t :.i  ‘ . is. . : . :  : . : ‘ :.: i’~”eO,1g 
; .~~.: - - B locage

Fig. 4. — Depart naturel en flotternent . 76.5 ~ V ~ 77.1 rn/s.

//,// // // /‘

Fig. 5. — Schema de princ ipe du contrôle.

1. Aileron. 2. Amplificateur. 3. IntCgrateur. 4. Filtre passe haut . 5. Rejecteur basic fréquence. 6. Rejecteur servo.
7. Phase globale. 8. Servo-commande. 9. Servo-valve. 10. Amplificateur. 11 . Sommateur. 12. Filtre.

d’amortissoment dii mode n° 2, au voisinago do la vitesse tine loi qui tiont compte do Ia fonction do transfert de la
critique, so retrouve avoc des pentes comparablos. L’Cvo- servo-commando, solon le schema do la figure 5.
lution de l’amortissement oat lento jusqu’A l’entrCe en Dana lea essais en soufflerie, le rCgLa~e des paramCtres
flottement, mais l’explosivitC dii phenomCno croft au delA do phase et do gain global do la chaine a ete recherché
do la vitesse critique. manuellement A une vitesse do 75 m ‘a. II est intérossant

Sur Ia figure 4 on voit tin depart en flottement enregistrC de remarquer quo ce reglage a Pu Ctre maintenu sans
par diflérents capteurs do la maquette. Durant cet onre gis- changement dams toute la garnxne des ~itesses exploréestrement la vitesso évolue trés lentement de 78,5 rn/ s  jusqu’A 11 assure la stabilitC, du mom s ju squ’A 88 m s qui oat la
77,1 rn/ a en 15 aecondes environ. Lorsquo l’amplitude priss vitesse maximum rCalisCe. ce qui reprCsonte un gain do
par tin point de rCféronce de la maquotte attoint tine valeur plus do 15 % sur la vitesse critique.
donnée, tin di*positif automatique do sécuritC arréte le Lea ossais ont donnC los rCsultats de Ia figure 6. On voit
flottemont on verroufflant le degré do liberté do floxion quo los fréquences do tangago ot do torsion sont peu
de Ia maquetto A l’aide de cAbles. Dams l’exomple prCaen tC, affectées par le contróle , tandis que Ia frequence de fiexion
le point au 1/4 avant de Ia corde d’extrCrnité avait au rnaxi- eat considCrablement rCduite.
mwn tine amplitude de - 10 mm A sine freqttence do 12 Hz ; Leo reactions dii contrble I Ia turbulence en soufflerie
dana le méme temps, Ia pointe avant dii bidon atteignait provoquent dos dCbattements do gouverne 2~ alors

80 miss. qu ’uno amplitude do 10’ Ctait possible sans saturation.
Pour montrer l’efficacitC du systémo de contrôle , on a

procCdé au-dell do Ia vitosso critique I des coupures
IV. — ESSAJS AVEC LOI DE CONTROLE ~uivies do remises en marche du corttrôle. La figure 7

moritre des enregistrements effectués I tine vitesse do
Le capteur A partir duquel la loi de contrôle est élaborCe 78,5 rn/s. AprCa coupure du contrôle et depart en flofte-

eat place dana l’aile prCs de Ia ligne des nmuds des modes ment, Ia 101 eat rCtablie alors qua l’accClCrauon A is points
do tangage et de torsion, et détecte donc la reponse du avant dii bidon atteint 10 g; Ic braquage maximum do Ia
mode do flexion. La réinjection de cc termo so fait A travers gouverne do contrCle passe par une valeur do + 8 .  Los

L ~~ - ~ ~~~~~ • ~~~~~ ,
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______________________

Essais sans Ioi

_____ • flexion ~
tangage bidon cx~ .3 O4~~

10 - _ .~~..o.-o ,torsj on
• __________

25 5 1~O Vmis

Essais avec Ioi

~E~~~r
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~~~~~ :

Fig. 6. — Compara ioon dei essaio avec et san o Ioi de con t rôle .
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Fig. 7. — CouDur e et remise en marche de Ia Ioi de con t rôle.

departs en flottement permettent de determiner Ia valeur écart de - - 
70 amène des flottements différents dii flotte-

de l’amortiasement negatif pour des viteases au-dej a dii mont initial. Cette difficu lté provient beaucoup du (&tt que
flottement. Sur Ic mCme enregistreinent on volt un deuxiénie le dCphasage do la chalne de contrôle n’est p.s constant
depart en flottement a Ia coupure dii contrôle et un arrCt dana la bande de fréquonce utile, man v~rie do 140” C
par Ic système de blocage automatique. 198~ entre 7,5 et 17 Hz. Avec de teUea variations do phase,

A Ia rnême vitesse de 78,5 rn /a, usa remise en marche du le contrôle pout avon un effet stabilisateur sur lo mode
contrôle a etc effectuée pendant le flottement alors que donnant le flottemont initial , au voismage de 12 Hz , ot intro-
l’amplitude de Ia gouverne avait dCpaasé Ia Iiinite de satu- duire de t’energie dana un mode do frequonce supenoure
ration. Méme dana cci conditions, Ic contrôle a amorcC Ic ou inMrieure . Cotte difflcWté .‘expliquo par 1. complezitC
retour a la stabilité , mali ii l’a fait avec un temps do rCponse des fonctiona de tranaferta des servo-commandos Cloctro-
plus long. hydrauliques; cUe n est p.s particuliCro aux maquotte.

II taut noter que le choiz de Ia phase do contrôle est trés en soufflerie et doit se ratrouver C l’échefle avion. Elie
critique. Dana le reglage optimum trouv C C 75 m /s, le empCche do mettre au point sin système fondC sur usa loi
dephaaage de l’ensemble de Ia chalne est de 188~ a ia Hz. do contr éle simple. Dana le caa present, on remarquers
La tolerance par rapport C ce reglage out faible , puiaqu’un que le dCphaaage do Ia chalne do contr6 lo Cvohuo avec Is
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7.6

fréquonco de part ot d’autre do 1800. La portance induite dites; F 0 cut la colonne des forces induitos par La gouverne
par l’oscillation do Ia gouverne comporte donc sine compo- pour uz~ braquage 0, ftC par l’intermédiaire de La lot do
sante predonunanto en o~~omtion avec l’accélCration contréle aux coordonnées gCnéralia4es q.
dCtectée par Ic capteur do contréle y~, c’est-C-dire en phase Sans lol de cont rôle le second menibro est nul. La loi
avec la deformation de flezion . Cette force agit donc stir de contr ôle est de Ia fornie
le mode de flexion comme sine ngiditC negative; cUe fait F — ~~~~~ + C~ iK~~baisser sa frCquence et l’Ccarte sinai do 1. frequence dii — t gO J qO J
mode n° 2, conune on le volt sur la figure 6 ci favorise sinai i —
La stabilitC. oèg = un dhphaaage pur donnC par

1 + i?

K = gan pur.

V. — TENTATIVE D’IDENTIFICATION Cq0 + IC(,fi étant les colonnes des forces aCrodynatniques

DES FORCES AERODYNAMIQUES 
mduitcs par La rota tton de La gouverne 0. La rCglago K et ‘p

A partir de cc schema, pluslaurs difficultés apparaiucnt.
L’equation dii flottement s’écrit : Tout d’abord La fonction de transfert de l’ensemble servo-

[P5[~ ] + Pill] + [A + y l] [q] = [F ]o valve-servo-commande et Clectroniquo associée n’est
conatante ni en module , ni en phase dana 1. bande des

oè P j o. frCquences considCrées. II en résulte quo des risquos
~&, ~, A et y sont respectivement Ice matrices de masse d’instabilité peuvent apparaftre pour d’autres modes quo

generalisée, de parti e irnaginaire et rCelle des forces celui qui cat cont r6lé, ce qul rend 1e critCrc do La phase de
aerodynanuques instatiomsaires, e t y  La matrice des rigi- contrô le trés critique.

fHz
20
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Fig. 8. — Infl uence d. I’id.ntiflcasion Cur I. plan fix..
• calcul sans corr ect ion + calcul sans corr ect ion Fl £ calcul sans correctio n

Torsion 0 calcul asi c correction x calcul av.c corr.ctlon exeon a calcul sv~c correction.
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Pour pallier i’inauffisancc des theo ries cpu sont C La base k — k~ + jw5k~” cat I. coefficient do portance dC I Is
des calculi des forces aerodynsmique s instat ionnaire s, dCfloxion vertic alc,
insuffisancea qui affectent sur tout Ics effets de gouverne , kb kb + j w5k~’ eat le coefficient do port ance dft & Ia
U a paru néccssaire de proc eder I sine identi fication des dCflexion de torsion ,forces aCrody nanuqu es en soufficrie . Cette ident ification
a pour but do deter miner lee matrices A, 8, C’ et C”. rn , —- ns1 + ;wp m,, eat Ic coefficient do moment dO C

Le prob lème a etC scindC en deux parties. La dCflexion vertical .,
a) Determination des matrices A et B relatives au plan m~, m , + IW R m~ ’ eat le coefficient de momen’ dO I

fixe. — Une mCthode de tra nches, dana laquefle on nCgligo La dCfloxion de tor sion,
Ics forces aCrodynamiques agiasant sur le reservoir et los cat La pulsation rédu ite dii moment ,
effets do couplage aCrodynan uque entre reservoir et silo,
a etC utilisée pour calculer los forces aCrodynamiquea kd = k~ + io 5k ’ eat Ic coefficient de porta ncc induit

génerat rices du système C tro is modes (matr ices A ~~ B). par La rotation do 1. gouverne ,

F La resolution des equations montre quo los coefficients md = m~ + J o 1m~ ’ oat ic coefficient de moment induit
do couplage entre modes (coefficients non diagonaux par La rotation de La gouverne ,
des matrices A et 8) ont sin efet nCgligcab lo j usqu’k usa = ~~ + J~ R~’d cat le coefficient de moment do La
vitesso do 40 m/s , c ost-C-dire quo pour des vitesses infé- gouverne .
rieures C 40 m /s on pout considCror quo La fréquence Ot TABLEAU Il’amort issement de chacun des modes ost détcrm iné P r  Coefficients r .Iat j fs I I’ aile
lea coefficients diagonaux correspondants des matrices A
et B. Dana ce cas, les coefficients aCrodynamiques do tra it- —

che sont lies par des rolat iona IinCairas aur variations do k k 5 +
frCquence et d’amort iasemont et pouvent donc Ctre deter- — rn , rn 5 I . I , + m 5m
minCsexpCri menta lementsil’on sait mssur ez lea frCquences U5 —

propres et lea amor tissementa dana le vent avec sine préci- —_______ _____ _____ _____

sion suffisante. ThC oriu
Les valeurs expCrimentalea sinai dCterm inCes different (r ef. I I  0,054 0,~43 — 0 ,13~ 0,88 1.58 1 ,08

sensiblement des valeurs thCoriques, comma I. montre Ic Expá r ience 0,050 0, 880 — 0, 126 0, 96 1,33 0,79
tableau I dana lequel

o cordc~~i~~~~~~~~~~~~~~~~~~~~~~~ -~~
-
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Fig. 9. — Distribution de coefficient d. pressi on .
o) Parti. rCelI..
b) Pirti. imsgin si re.
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Dana Ia calcul des va leurs expCrimenta ica on a suppose L’amortisaement du mode do tangago C 88 m s  vane
qua los coefficients (‘) et (“‘) Cta ient indépendants do la dens ces conditions de + 8 (valour avec La loi nominale)
fré quence rCduite. L’influence des coefficients corrigea C 2 ~,,. Do mCme sin decalage do phase do — 5’ conduit C
stir Ic flottemo nt eat montrée fi gure 8. sin ainortissemont do 11 ~.,. Cette trés grando sonaibilitC

b) La soconde identification porte sur lea termes c’ ot c’ aux parainCtres do contrôle, qui eat conforme C I’expérience
do La colonne do contrCl o. Elle a etc rCalisée par La mesure cit aggravée par is similitude des déformCes d’ailo dens
des champs de pres sions instatio nnaires induits par sine lea modes de tangago et do torsion qui rend La matri ce
rotation do Ia gouvorne I diffCrentes fré quences ~ difte- modale pre sque singultCre.
rente a vitesees. La comparai aon avec La distribut ion de C,,
instat ionnaire caicuiée par sine mCthode de doublets eat
donnée sur La figure 9. La corde choiaie eat La corde médianc VI. — CONCLUSION
do La gouverne. Les pression s éta ient mesurée a C l’extradoe
en 10 points. On a montré qu ’il était possible do contrôler sin fLottemo nt

Los differences entre théorie et experience sont impor- provo que par La presence d’un reservoi r do grande dAmon-
tantes, sur Ic module aussi bien quo sur La phase. sion en utilisant une gouverne de bord do fuite claasique

L intégrale des pressions expCrimenta les donne des pour engendrer des forces aerodynanuques stabilisatricea.
coefficients de force et de moment qut peuvont être La stabilité a ete obtenue avec sine Ioi do contrôle unique
compares avoc les valours theonques . dana toute La gamme do vitesse exploree (do 0 C 88 m is)

alors quo Le fiottement so produisait C partir do 75 rn/s
en l’abscncc do contr ôle.

TABLEAU II Du fait de La complexitC doe fonctiona do transfert do La
Cosffici ents relati fs A Ia go uve rne servo-valve ot do La servo-commande, ii ost difficile de

________________________________________________ rCalisor sin système do contrélo dont 10 fonctionnement se
I prCte C sine interp retation simple. IL est égaioment difficile

Ic ,, m ,j n,, Ic m ,, r 
~ do pr Cdétor nur ier La Loi do cont rôie I cause des incertitude.

- qw existent dana lo calcul des forces aCrodynamiqucs
Théor ie instationnaires ct, aurtout , des forces aerodynanuques
[ r ef. i 0. 51 0. 45 0. 022 — 0. 020 ; 0, 20 0, 025 induites par La braquage des gouvernee. Dana La cas pré-

Essais 0. 36 0. 32 0.015 j + 0 , 058~ 0. 17 0. 14 sent , is meilleuro ioj de contrôio a etc obtenue par sin
rCglage manuel effectué en souffierte ; mais cette solution
n’a siC possible que parce qu ’il n’existait qu’un rég lage

Le recoupement entre théor ie at experience porte de phase et un rég lage de niveau.
egaleznent sur lea fonctions de transfert de Ia maqu ette a Par contre , ii eat aasez encourageant do constater quo
diffCrentea viteues. Cee fonction s do transfer t expri ment l ident ification do. forces aCrodynsmiques effectuCe en
le rapport entre Ia reponse do i’aile ot Ic braquage de La souffierie a pen is do corri ger lea forces aerodynainiques
gouverne. Ellea oct Cté dCtenrni nCea expérimentalement theor iques et do retrouver , par sin calcul a poateniori, des
avec sine exci tation par br uit blanc stir Ia gouverne. evolutions do frequence et d’axnortissement et des fonctior .a

Le caicul a etc effectuC avec los coefficients oxpérinien- do tranafert en assez bon accord avec L’expérience.
taux . La figure 10 montre , C une vites8e de 85 rn /s. La bonne Manuscrit remis Ie 17 jui n 1976 .
concordance entre caicul at essai pour le point do L’aile
oü eat place Ic capteur qui fournit les infonmatio ns C Ia 101 -

tie contr Ole (fonctior ’ do transfert en boucle ouverto) .
On pout observer qu ’en cc point Ia reponse du mode do REFERENCES
flexion 1 9,8 Hz eat predomi nante devant lea autre s modes .

L’introduction tie Ia Ioi de contrô le experiment aie dana le I [  CHOPIN S. ci SALAUN P. — Coefficients aerodynomiques
calcul cor rigC donne finalament , en fonction do la vitease, inStat iOnnOireS theorigues en régime subsoni que pour une voilure
sine evolution satisfaisante des paramC tres do frequence et de foible allongement. — Document ONERA non publ iC (1959).
d’amor tsssernent. En par ticulier I’ effet do ngidite aerody- 12 1 HAIDI 13. — Active flutter su pp ress ion on wings with external
namique negative qui écarte La mode 1 du mode 2 est bien stores , dans Active control systems for loads alleviation , flutter

suppression and ride control ,,. AGAR Dograp h n’ 1 75 (1974),
repre sente figure 11. Le calcuL prévoit quo la maquette p. 57.76.
re ste stable jusqu’I Ia vitesse maximum expCrnnentCe,
cc quA eat conforme C I’expérience. Afin do verifier Ia 13 1 SENSBURG 0. and HONL I NGER H . — Dynam ic testing in

wind tunnels , dans ~ Flight ground testing fac i lit ies correlation.
sensibilitC de Ia loi de contrôle C sine variation de phase, AGARD Conf. Proc. n’ 187 (1976). rnCmo ire n’ 5, part. I.
le calcul a etC effectué en intr oduisant sin dCphasage supple - [4 1 NI SSIM E. — Active fl utter su pp ress ion using trailing edge and
mentaire de + 5” dana la Loi. tab control surfaces . — AIAA paper n 75-822 .
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