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PREFACE 

The Army Symposium on Solid Mechanics, 1976, was the fifth in a series of 
biennial meetings sponsored by the Technical Working Group (TWG) for Mechanics of 
Materials, one of nine TWG's of the U.S. Army Materiel Development and Readiness 
Command Materials Advisory Group.  These meetings are coordinated by the Army 
Materials and Mechanics Research Center (AMMRC) in Watertown, Massachusetts.  The 
first such conference was held in 1968 on the general theme of solid mechanics. 
Subsequent meetings were held on the themes:  Lightweight Structures (in 1970), 
Ballistic Problems (in 1972) and Structural Joints (in 1974).  This 1976 symposium 
was held on the theme, Composite Materials: The Influence of Mechanics of Failure 
on Design. 

Participation in these symposia has broadened with time.  Starting with the 
1972 meeting, papers have been solicited from in-house and contract researchers 
and designers for the Navy, Air Force and other Government Agencies, in addition 
to those for the Army.  Beginning with the 1974 meeting, the Symposium Committee 
was expanded to include representation from the Navy, Air Force, NASA and the 
U. S. Army Corps of Engineers. These expansions recognize that many mechanics 
research and/or design problems are not unique to a single service or government 
agency. 

Essentially, these symposia are a vehicle for enhancing the responsiveness of 
the mechanics research efforts for the design of advanced military systems.  They 
also facilitate communications and coordination between and among researchers and 
designers having common military theme interests whether they work for a govern- 
ment service or agency, industry, or at a university or research institute. 

No endeavor of the magnitude of this 1976 symposium could have been success- 
fully conducted without the enthusiastic cooperation and support of many 
individuals and groups.  With fear of overlooking some whose contributions played 
a key role, it is nevertheless fitting to acknowledge: 

Headquarters, U.S. Army Materiel Development and Readiness Command and the 
Materials Advisory Group for their support and cooperation in this undertaking. 

The many authors and participants and Session Chairmen who made this 
conference a success. 

The reviewers from universities, industry and government organizations, for 
their diligence in carrying out a thankless task. 

Dr. Edward S. Wright, Acting Director of AMMRC. who welcomed the participants 
at the meeting. 

LTC Edward E. Chick Commander/Deputy Director of AMMRC who delivered the 
Introductory Remarks at the Opening Session. 

Dr. Wartan A. Jemian, Professor and Chairman, Materials Engineering, Auburn 
University who delivered the Keynote Address on "Composites Through the Ages." 

And finally the clerical staff of the Mechanics Research Laboratory and the 
Technical Reports Office of the AMMRC for their unflagging efforts in the prepara- 
tion and printing of numerous symposium materials. 
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WELCOME 

Dr. Edward S. Wright 
Acting Director, US Army Materials and Mechanics Research Center 

It is a pleasure to welcome you all here today to open the Army 
Symposium on Solid Mechanics, 1976. 

The Army Materials and Mechanics Research Center has the responsi- 
bility for operating the Materials Advisory Group (MAG) and its subordinate 
Technical Working Groups (TWG's).  The MAG functions directly under 
the US Army Materiel Development and Readiness Command (DARCOM), and is 
concerned with matters of policy, management and administration of the 
Army's technology base programs in Materials and Mechanics. Operating 
under the MAG are Technical Working Groups in several materials and 
discipline-oriented areas.  These groups are comprised of bench level 
technical people who are selected on the basis of their expertise in 
specific areas of materials and mechanics technologies. Perhaps the 
most important function carried out by these TWG's is the exchange of 
technical information. 

One of these, the Mechanics of Materials TWG, was established in 1964, 
to assist in formulating the Army wide program in solid mechanics and in 
promoting scientific and technical interchange among DARCOM laboratories. 
It is led by AMMRC, and is made up of engineers and scientists from 
most of the DARCOM laboratories.  This particular TWG has been the 
most active of the groups in furthering the exchange of information; 
the Army Symposium on Solid Mechanics being the principle vehicle. 

This is the fifth in a series of biennial symposia. The first was 
held in 1968 at The Johns Hopkins University, Baltimore, Maryland 
under the general theme of solid mechanics.  Subsequent meetings were 
held in 1970 (Lightweight Structures at AMMRC), 1972 (Ballistic Problems 
at Ocean City, Maryland) and in 1974 (Structural Joints at South Yarmouth, 
Massachusetts).  This 1976 symposium, also being held at South Yarmouth, 
is, of course, being conducted under the theme, Composite Materials:  The 
Influence of Mechanics of Failure on Design. 

Participation in these symposia has broadened with time.  Starting 
with the 1972 meeting,' papers have been solicited from in-house and con- 
tract researchers and designers for the Navy, Air Force and other Govern- 
ment agencies, in addition to those for the Army.  Beginning with the 
1974 meeting, the Symposium Committee was expanded to include representa- 
tion from the Navy, Air Force, NASA and The US Army Corp of Engineers. 
This expansion is based on the recognition that research and design 
problems in solid mechanics are not unique to a single service or 
Government agency, and that this broader communications band would pro- 
vide much additional and extremely useful interchange. 



A new feature was added in 1974. A work with-progress session 
was held.  Based on the interest it received, it is being continued. 

The specific objective of these symposia is to enhance the 
effectiveness of the coupling between research and design requirements. 
The anticipated results of this enhancement are two-fold.  First, to insure 
that research resources are being directed towards pressing design needs. 
Second, to insure that design procedures reflect the best solid 
mechanics technology that research has provided. 

It is most appropriate that this meeting is addressing the 
mechanics of failure on composite materials.  It is clear that the 
use of these materials is increasing rapidly.  It is also clear that 
design approaches based on those used for metallic structures are 
not adequate; a new branch of the solid mechanics technology is 
being developed - but there is a long way to go. This meeting 
testifies to the fact that we are moving in the direction to fill 
this gap in the technology. 

Again, welcome to the symposium, and best wishes for a 
successful meeting. 



INTRODUCTORY REMARKS 

LTC Edward E. Chick 

Commander/Deputy Director 

US Army Materials and Mechanics Research Center 

I would like to first add my welcome, and express my pleasure for 
being asked by the Symposium Committee to make a few introductory 
remarks. 

As you are well aware, this, the Army Symposium on Solid Mechanics, 
1976 is to address composite materials technology. As you are also 
aware, the Army has a vested interest in the exploitation of composite 
materials for application to advanced military systems. The extent 
and duration of the Army's interest may, however, not be evident to 
the majority of symposium participants.  Therefore, a short digression 
on historical matters seems appropriate.  In any case, in this bi- 
centennial year there is a natural tendency to reflect on the past. 

AMMRC professionals are rightfully proud of present progress but 
are also mindful of "ancestors" traceable to the Presidency of Andrew 
Jackson^).  For more than 135 years, AMMRC and its predecessor 
agencies at Watertown have made important contributions to the U.S. 
Army. 

Materials research results in steel offer an excellent example 
of the invaluable results of AMMRC advances for our Army. AMMRC 
and steel literally grew up together.  In the 1840's, AMMRCfs predecessor 
agency at Watertown was helping the U.S. Army develop the superior 
cast iron that made its cannon the best in the world.  Not so well 
known, however, are the contributions of Watertown Arsenal in wire 
wound composite guns. These were 10-inch, wire-wrapped, cast iron, 
breech loading guns weighing 29 tons.  The 17 ton cast iron body 
was wrapped with 0.15 inch square wire with slightly rounded corners, 
applied (for the most part) with uniform tension at 41,000 psi.  Longi- 
tudinal strength was provided by axial bars or staves.  The work was 
suspended in June, 1886^ after several relatively successful tests. 
In truth, these wire guns never passed the experimental stage. Nonethe- 
less, they demonstrated a remarkable willingness to explore new concepts. 

The continued study of mechanics of materials is demonstrated 
by the famed Emery Testing Machine (ETM) installed at Watertown after 
the Civil War. 

Original motivation was to settle the raging controversy over 
the suitability of steel for making cannon.  It proved of great signi- 
ficance in the study of metals, and was the prototype of a long line of 
hydraulic testing machines, many of which are still in operation. 



The ETM had a capacity for precision testing of 800,000 pounds in 
tension and one million pounds in compression.  Results of its tests 
were published annually for 36 years, from 1882 to 1918, and an incredi- 
ble range of materials types were studied(3). Nowadays, emphasis has 
shifted to lighter weight, high strength materials with suitable environ- 
mental resistance.  For many years, the Army has sought to introduce 
appropriate composite materials into aircraft, missiles, and armament. 
Recent AMMRC contributions include investigation of graphite reinforced 
aluminum graphite and Kevlar epoxies and the carbon-carbon materials. 
Fundamental contributions have been made at AMMRC towards the utilization 
of filament wound composites in lightweight antitank weapons, and the 
development of carbon-carbon ballistic missile nose tips. 

All of this sounds as if we can simply make the commitment to use 
composites, and we automatically end up with a more mobile and effective 
Army, and can accomplish this while saving money.  Well, there is 
promise, but there are many technological problems to be overcome. One 
of the most important is our inability to predict failure of composite 
materials in a reliable and consistent way.  The reason for this symposium 
is to focus attention on that problem in the hope that we may solve 
it sooner and better. 

Until we can develop valid and quantitative failure criteria, 
composites can not be exploited to their maximum advantage; we can not 
obtain our most attractive return on investment, and that is what 
the Army's technology base program is all about. 

At AMMRC, we are carrying out a major technology base effort 
in composite materials which covers the spectrum from new materials 
development and characterization through process research, development 
and scale-up to reliability assessment, structural analysis and demon- 
stration. 

I do not want to take any more time from what promises to be a 
significant contribution to our quest for better and more economical 
ways to equip our Army. 

REFERENCES 

1. "Progress in AMMRC Materials Research for Army Needs," Army Research 
5 Development News Magazine, May - June 1976 

2. Gun Making in the United States, Col Rogers Birnie, Jr. Reprinted 
from Journal of the Military Service Institution, War Department Document 
No. 298, Copy Number 78, dated 1907 

3. Index to the Reports of the Tests of Metals and other Materials made 
with the United States Testing Machine at Watertown Arsenal, Massachusetts 
from 1881 to 1912 Inclusive, Chief of Ordnance, Government Printing 
Office 1913. 



KEYNOTE ADDRESS:  COMPOSITES THROUGH THE AGES 

Wartan A. Jemian 
Professor and Chairman 
Materials Engineering 

Auburn University- 
Auburn, Alabama 36830 

ABSTRACT 

The application and existence of composites is based on the concept of 
synergism.  Natural composites, such as wood and bone, are persistent reminders 
that materials are best used in combination. 

Man-made composites of early history are macroscopic.  Early man combined 
stone and wood to form useful tools and weapons.  The ages of these artifacts 
are measured in megayears.  The ancient Egyptians incorporated straw in mud to 
manufacture bricks.  In this application, the straw promotes uniform drying 
and hence reduces the production of cracks.  These aspects of composites tech- 
nology are forerunners but do not, in any way, indicate the full benefits to 
be obtained. 

The middle history involves attempts to duplicate texture through proces- 
sing which results in neocomposites.  Specific man-made composites in this 
category can be identified.  Examples are the Merovingian Pattern-Welded Blade, 
of the 3rd century AD, the welded Damascus gun barrels of the 18th centur 
and more recently, plywood. Although these composite materials relate closely 
to modern composites, the similarities are more fortuitous than planned. 

The modern history dates from the second World War. The objective is new, 
namely, to create new materials by special combinations of well known materials 
with the addition of new materials in special forms.  The emphasis in modern 
composites is on structure at every level. Examples range from fiberglass, 
used in living structures and boats, to advanced composites, used in critical 
sections of high performance aircraft. 

Composites have traditionally been speciality items, although plywood and 
other building materials are high volume commercial products.  Concrete, the 
highest volume man-made material, is classed as a composite. The need for 
advanced composites is established but the technology is expensive and public 
interest has not been awakened.  Recent statistics show that composites 
account for approximately ten percent of research funding and one-thousandth 
percent of the GNP.  Another recent report predicts that the activity in com- 
posites will level off and possibly decline during this decade. The latter 
was based, apparently, on projections for military funding and does not include 
the spinoff applications in recreational equipment.  There is every reason to 
believe that any decline in the market activity will only be short lived. 

There is the problem of definition, primarily to outline the domain of 
technology necessary for effective progress.  Structural composites technology 
is already drawing upon the talents of metallurgists, ceramicists, and plastics 
technologists. There are many subtle distinctions to be observed. Composites 



technology is structure-intensive.  The identity and significance of the 
"structural components" in materials phases as well as in the interfacial 
region in materials systems is recognized.  The literature and conference 
presentations are devoted in ever increasing proportion to these features. 
The descriptive elements include such terms as crystalline, crowdion, molecular 
conformation, dislocation, and coherency.  These are forced on us by circum- 
stances and need. 

This conference will further knowledge about structural elements in com- 
posites and their effects on performance.  Failure is any undesirable change in 
shape or structure.  Understanding the influence of these changes on design 
requires detailed knowledge of the system. There are advanced tools for use in 
analysis, testing and synthesis of mechanical characteristics.  Looking for 
such changes at every structural level, and designing to control them, is the 
most promising approach to devloping future composites. 
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FAILURE OF COMPOSITE PLATES SUBJECTED TO DYNAMIC LOADS 
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Professor Project Engineer 

L. E. MALVERN C. A. ROSS 
Professor Project Engineer 
Engineerinn Sciences Department USAF Armament Laboratory 
University of Florida AFATL/DLYV 
Gainesville, Florida Eqlin AFB, Florida 

ABSTRACT 

This paper presents the results of an experimental study to 
determine fracture/failure mechanisms of flat fiberglass epoxy plates when 
subjected to blast pressure and projectile impact. Fiberglass epoxy plates 
with fifteen plies of 0-90° orientation were fabricated using various ply 
and lamina arranoements. Plate failure beqins by an interlamina delamination 
mechanism with delaminations moving away from the impact point for centrally 
impacted plates and delaminations moving away from plate boundaries for blast 
loadinq. A delamination mechanism appears to be the dominant failure 
mechanism for plates impacted below the critical penetration velocity and for 
fixed edge plates subject to blast loads below the edge failure load. 
Similar delamination patterns were observed in fiberglass cloth and polyester 
matrix plates. 

INTRODUCTION 

Failure modes of monolithic metal plates subjected to dynamic loads are 
influenced by many factors related to manner of loading and mechanical 
properties of the plate material. Failure modes in dynamically loaded 
composite plates are also dependent on material properties of the constituents 
and, in addition, are areatly influenced by qeometrical fiber arrangement and 
spacina. Observed failure modes of composite materials are: fiber debonding, 
stretching, breaking and pullout, delamination, matrix deformation and 
fracture. Delamination induced by shear due to bending and sequential delam- 
ination initiated by a generator strip appears to be important energy 
absorption mechanisms for 0-90° layup fiberglass roving epoxy plates subjected 
to projectile impacts and blast loadings, respectively. This type of 
mechanism is especially apparent in the composite plates studied here at 
impact velocities below the perforation velocity and for blast loadings below 
that necessary for transverse shear failure. 

Good penetration resistance for heavily delaminated glass epoxy plates 
has been reported by Wrzesian [1]. Askins and Schwartz [2] also observed 
extensive delamination in composite backup panels for armor applications. 
Ross and Sierakowski [3] examined the influence of various fiber layering 
sequences on the penetration resistance of fiberglass roving epoxy plates when 
subjected to central impact. Cristescu, Malvern, and Sierakowski [4] sub- 
sequently described the sequential delamination mechanism initiated by a 



qenerator strip for the same plates reported on in Reference [3]. Several 
papers [5, 6, 7] recently published by the authors describe this mechanism in 
some detail. Literature reviews have revealed no studies of blast loading of 
composite plates; however, flyer plate experiments conducted by deRosset [8], 
for example, show delamination to be a major failure mechanism of boron epoxy 
plates. 

Fiberalass plates of the same type as those centrally impacted in 
earlier studies [5, 6, 7] were subjected to blast loading using a fuel air 
explosive (FAE) device.  In addition, plates of woven roving (cloth) and 
polyester matrix were fabricated and tested using the same FAE device. An 
outline of the details of plate fabrication and a general description of the 
delamination process, along with results, discussion, and conclusions are 
aiven in the followinq sections. 

SPECIMEN FABRICATION 

Two types of fiberglass plates were fabricated for use in this study. 
For the first case, twelve ended E-glass fiber rovinqs and epoxy were used to 
fabricate crossplied layered plates containing fifteen layers and having 
varyinq numbers of laminae. These plates were fabricated by winding the 
rovinq on an aluminum mandrel mounted in a lathe. The lathe speed and cross- 
feed were adjusted to produce a uniform array alonq the edqe of the plate and 
shims were used to qive spacinq in the thickness direction. The winding 
method used is shown schematically in Fiqure 1 and described in detail in 
References 5 and 6. Specifically, Owens/Corning precision controlled E-glass 
rovinq [No. 801AB-1167], Shell Epoxy 828 resin, and Magnolia Plastics Curing 
Aqent 400 were used in this fabrication process. Fifteen different ply 
arrangements were fabricated using the layering sequences show* in Table 1. 

Table I. Layering Arrangements in the Platen T?st 

Number of 
Code     Layering Sequence      Interlaminar PI« "es 

b 1-1-1-1-1-1-1-1-1-1-1-1-1-1-1 14 
c 1-2-3-4-5 4 
d 2-1-2-1-2-1-2-1-2-1 9 
e 2-2-2-2-2-2-2-1 7 
g 3-1-3-1-3-1-3 6 
h 3-2-3-2-3-2 5 
1 3-3-3-3-3 4 
j 3-4-3-4-1 4 
k 3-5-3-4 3 
1 4-1-4-1-4-1 5 
m 4-4-4-3 3 
n 5-1-5-1-3 4 
r 5-4-3-2-1 4 
0 5-5-5 2 
P 8-7 1 
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Figure 1. Windina appararus for crossplied plates. 
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The ply arrangement or layering seguence shown in Table 1  indicates the 
number of layers in each lamina, starting with the first lamina and progress- 
ing rearward.    Each lamina is oriented 90° to each of its neighboring laminae. 
For example, a 1-2-3-4-5 plate has one layer in the first lamina, two layers 
in the second lamina whose fiber direction is 90° to the first lamina, three 
layers in the third layer whose fiber direction is 90° to the second lamina 
but parallel  to fibers in the first lamina, etc.    A schematic of a composite 
plate giving examples of plate components is given in Figure 2.    Nominal 
thickness of all  0-90° plied plates was 0.64 cm. 

The second plate types tested were fiberglass cloth plates fabricated 
using 4 oz.-Uniglass cloth, 24 oz.-Uniglass woven roving cloth and a polyester 
matrix.    Seven layer plates, 0.32 cm thick, were fabricated by alternate layup 
of four layers of 4 oz.-cloth and three layers of woven roving.    Thirteen 
layer plates 0.64 cm thick were also fabricated by alternate layup of seven 
layers of 4 oz.-cloth and six layers of woven roving.    Both the cloth plates 
and wound roving crossplied plates contained approximately fifty percent 
fiberglass. 

EXPERIMENTAL TESTS 

The crossplied fiberglass epoxy plate fabrication technique produced 
plates approximately 30 cm square. For the blast loading these plates were 
used full size. For the central impact tests the plates were quartered to 
give plates approximately 15 cm square. The central impact experiments were 
conducted in the Engineering Sciences Composite Materials Laboratory at the 
University of Florida. The plates were held fixed on all edges and impacted 
centrally using blunt nose cylindrical projectiles of 0.96 cm diameter by 
2.54 cm in length. The effective size of the plate in the holder was 
approximately 12.7 cm square. The projectile was propelled by an air gun at 
various velocities by varying the air pressure of the inner barrel chamber. 
The velocities were measured at the end of the barrel just prior to impact by 
an optical system using two light beams directed through the barrel onto photo 
electric cells. The time difference for the projectile to break consecutively 
both beams of light was displayed on a storage oscilloscope. A schematic of 
the nas aun assembly, plate holder, and velocity measuring device is shown in 
Figure 3. The overall system is further described, in some detail, in 
Reference 3. 

The FAE gas bag technique used previously in blast loading of metal 
plates [9] was used at the Test Evaluation and Experimental Facility at Eglin 
AFB for blast loading of selected crossplied fiberglass plates 30 cm square. 
A plastic baq 1.22 x 1.22 x 6.11 m supported by a metal rod frame containing 
0.89 kg of methyl acetylene propadiene (MAPP) gas was detonated by 100 grams 
of Data sheet explosive, and the resulting shock was directed onto the 
composite plate held fixed on all edges. The effective size of the plate in 
the holder was approximately 25.4 cm square. A schematic of the gas bag and 
plate holder is shown in Figure 4. 

Pressure time histories of both side-on and reflected pressures were 
obtained in previous tests [9]. In all cases the given pressures are based 
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Fiqure 2. Composite plate nomenclature. A. One layer and also a one 
layer lamina. B. Three layer lamina. C. Two layer lamina, 
D. Plate thickness. 
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Fiqure 3. Gas gun assembly. 
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on reflected values obtained from a nondeforming thick plate placed at 
varyinq distances of D from the end of the FAE bag, as shown in Figure 4. 

In order to check size effect, both 25 cm square and 46 cm square 
fiberglass cloth polyester olates were tested for FAE blast loading. 

DISCUSSION OF EXPERIMENTAL RESULTS 

Central impacts of crosspiled fiberglass plates at projectile 
velocities below the penetration velocity produced delaminated areas which 
qrow progressively larqer through the thickness of the plate. The delami- 
nation mechanism presented in a previous paper [4] for central impact starts 
as a strip one projectile diameter wide on the front lamina. This strip 
then loads transversely the second lamina generating a delamination between 
the first and second laminae. The second lamina then in turn loads the 
third lamina causinq a delamination between the second and third lamina, etc. 
A schematic of this process is shown in Fiqure 5 in which the first qenerator 
strio, one projectile diameter wide and lenqth L-j generates a delamination of 
area A-j between the first and second laminae. A second generator strip of 
lenqth L2 generates a delamination of area A2 between the second and third 
laminae. Subsequent qenerator strips generate subsequent delamination areas. 
As an example, a plate containinq five laminae would contain four qenerator 
strips correspond!'nq to four delaminated areas associated with the four 
interlaminar planes of the plate. A photograph of a back lighted 3-3-3-3-3 
plate, Fiqure 6a, shows four delaminated areas corresponding to the four 
interlaminar planes. For plates with more than four interlaminar planes it 
is difficult to distinguish one delaminated area from the other, especially 
in the case of the fifteen-lamina plate shown in the back lighted photograph 
of Fiqure 6b. This type of plate shows a hiqhly localized delaminated area 
but distributed over many interlaminar planes, whereas plates with a smaller 
number of interlaminar planes such as the 3-3-3-3-3 plate show larger delami- 
nated areas. 

Using a back lighted 3-3-3-3-3 plate, the delamination areas were 
measured and plotted versus initial kinetic energy of the impactor in Figure 
7. The straight line plot was fitted to the data and is expressed as 

K = 3.5 + 0.315A    K > 3.5 (1) 

Where K is kinetic energy in joules and A is area in cm . For a kinetic 
energy above 3.5 joules and below the kinetic energy where delamination ex- 
tends to the plate boundary, the delamination fracture surface energy y 
appears to be constant at about 0.158 joules/cm2 (15.8x10^ ergs/cm2). This 
value of y is half the coefficient of A in Equation (1) because two surfaces 
are formed by the delamination. This value is an order of magnitude higher 
than that for pure epoxy (0.5 x 105 - 1.5 xlO5 ergs/cm2) obtained in static 
tests by Bascom [10] and Sultan [11]; however, it is of the same order of 
magnitude for polymethyl-methacrylate (2xl05 erqs/cm2) and polystyrene (17 x 
105 erqs/cm2) obtained in static tests by Berry [12]. Comparable static 
figures for fiberglass-epoxy composite are not known. 
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Figure 5. Schematic of del amination mechanism for centrally impacted plates. 

Figure 6a. 3-3-3-3-3 plate impacted at 140 m/sec. 
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Figure 6b.  l-1-l-l-l-l-l-l-l-l-l-l-l-l-l  plate impacted at 107 m/sec. 
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Fiaure 7. Delaminated area of 3-3-3-3-3 plates versus 
kinetic energy of impacting projectile. 
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Blast "loadinq of 25.4 cm square crossplied plates at loadings below 
that necessary to cause edge failure results in delaminations that are 
aenerated at the edqes of the plates. Visual examination of these plates 
using back liqhtinq leads to the following general description of this type 
of del ami nation mechanism: 

Delamination beqins at the edges and progresses toward the center of 
the plate with the distance proqressed appearinq to be proportional to the 
amount of plate deflection and/or blast pressure. A travelinq hinge movement 
is assumed to account for the deflection. Delamination on the first inter- 
laminar plane occurs on the edges normal to the fiber direction of the first 
lamina. The next delamination then appears on the next interlaminar plane 
and extends out from the other two edqes. This process then alternates 
throuqh the thickness and throuqh all the interlaminar planes with a rearward 
decreasinq delaminated area. The time sequence of the delaminations is not 
necessarily in this order but the front to back positions of the delaminations 
are easily discernible. This delamination pattern is shown schematically in 
Figure 8 for a five lamina plate, and a back lighted photograph of the same 
type plate is shown in Fiqure 9. This type of delamination mechanism for 
blast loaded plates is readily discernible for plates with a low number of 
interlaminar planes, and, as with the centrally impacted plates, the higher 
the number of interlaminar planes the more difficult it is to differentiate 
between delaminated areas. The hiqher the peak blast pressure the further the 
delamination areas extend from the sides. This is quite evident in Fiqure 10 
which shows a 3-3-3-3-3 type for three different blast pressures. A similar 
type increase in delamination area, shown in Fiqure 11, is observed for the 
same type of plate centrally impacted at three different projectile impact 
velocities. 

The relation between the delaminated area and the peak blast pressure 
was found to be linear within measurable accuracy as is shown in Fiqure 12 for 
two tyoes of crossplied plates. 

Hiqh speed photography using a shadow Moire technique, described in 
Reference [9], showed that a blast loaded 3-3-3-3-3 plate deflected as much 
as 3.81 cm at the plate center but rebounded to a permanent deflection of 
.64 cm. Assuminq the plate rebounds elastically, the major portion of the 
work done by the blast load durinq the plate deformation is recovered during 
the rebound. The unrecovered portion of the work may then be assumed to be 
transferred to the plate. A rough approximation of the unrecovered work can 
be obtained from an integration of the permanent deflection times the blast 
pressure over the plate area. The time required for plate deflection and 
rebound is of the same order of maqnitude as the blast duration time; there- 
fore, only half the peak blast pressure was used in this calculation. A 
plate of this unrecovered work versus delamination area is shown in Fiqure 13. 
The curve appears almost linear over the range shown and a straiqht line was 
arbitrarily drawn throuah these points. The slope of this line is 0.862 
joules/cm2 which would give a delamination fracture surface energy of 0.431 
joules/cm2 because two surfaces are formed during the delamination. This 
value of delamination fracture surface energy is of the same order of 
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Fiqure 8. Schematic of delamination mechanism for blast loaded plates. 
Representive of a five lamina plate. Circled numbers refer to 
delamination sequence increasing from front to back. Edges 
marked A are perpendicular to fibers in first lamina. 

Figure 9. 5-4-3-2-1 plate at 2.59 MPa peak blast pressure 
and 0.78 MPa-sec imDulse. 
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1.52 MPa (220 psi) 
0.31 MPa-millisec (97 psi-millisec) 

2.59 MPa (375 psi) 4.14 MPa (600 psi) 
0.78 MPa-millisec (120 psi-millisec)  1.32 MPa-millisec (130 psi-millisec) 

Figure 10. 3-3-3-3-3 plate for various peak blast pressures 
and impulse values. 
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Fiaure 11. 3-3-3-3-3 plate for various impact velocities. 
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Figure 12.  Delaminated area versus peak blast pressure. 
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Figure 13. Delaminated area of 3-3-3-3-3 plate versus unrecovered work. 
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maqnitude as that obtained for the impacted plates. 

Tests were also performed on fiberglass cloth plates of various sizes 
and thicknesses. For centrally impacted plates, the delamination patterns 
appeared very  similar to the localized delaminations of the fifteen-lamina 
crossplied plates [Fiqure 6b]. 

Blast loading of the 25 cm square fiberglass cloth plates also 
produced a delamination mechanism which extended from the plate edges toward 
the plate centers. Typical patterns at two different blast pressures are 
shown in Fiqure 14 for .64 cm thick plates. Several delamination areas are 
present but because of the high number of interlaminar planes for this 
thickness, the individual delaminations are difficult to distinguish from 
one another. Because of ease of fabrication of fiberglass cloth, plates of 
two widths (25 cm and 46 cm) and two thicknesses (.64 cm and .32 cm) were 
tested. The .32 cm thickness plates for both widths showed very little 
delamination but a rather uniform craze type pattern which might be expected 
for a highly stressed membrane type composite plate. The thicker .64 cm 
plates of 46 cm width show a delamination pattern very similar to that of 
the smaller width plate shown in Figure 14. 

CONCLUSIONS 

Sequential interlaminar delamination appears to be the dominant 
failure mechanism for centrally impacted plates at impact velocities below 
the penetration velocity and for blast loaded plates at blast pressures 
below that required for edqe failure. However, for blast loading on thin 
cloth plates (.64 cm), interlaminar delamination is not as extensive as for 
the thicker plates, even for blast pressure large enough to cause edge 
failure. 

For those plates where interlaminar delamination is prominent, the 
total delaminated area is a linear function of either peak blast pressure 
or the kinetic energy of the penetrator. Advantages of these types of 
composites are that the energy due to loading may be spread over larger areas 
with a possible increase in penetration resistance; however, this mechanism 
may not be desirable for multiple impact loadings. In the case of blast 
loading, the interlaminar delamination allows the central portion of the 
plate to remain reasonably flat with little permanent deformation after 
blast. In cases such as radar antennas where retention of surface contour 
is very  important, this type material may be highly desirable. 
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4.14 MPa (600 psi) 

5.52 MPa (800 psi) 

Figure 14. Delamination pattern in 0.64 cm thick cloth plates, 
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ABSTRACT 

In this particular application, filament-wound fiberglass epoxy tubes were 
required to contain a short-duration (10-millisecond) internal pressure pulse. 
Because of time and economic constraints, initial material evaluation was based 
on quasi-static hydroburst tests.  Static hydroburst tests were conducted on 
conventional helically wound cylinders with wrap angles of 60°, investigating 
the influence of two types of glass surface finish (HTS 901, HTS 904) with four 
epoxy resins (GLY-CEL C-200, EPON 815, EPON 826 and ERL 2256) on the burst 
strength of the cylinders.  Subsequently, explosive tests were completed on 
those glass-epoxy systems which performed favorably under static loading.  Spec- 
imens were instrumented with strain gages and pressure transducers to monitor 
continuous strains and pressures up to and including failure.  Attempts were 
made to obtain high-speed photographs during the explosive tests.  Finally, as 
part of a long-range program to improve design and analysis procedures utilizing 
hot gas burst tests, thin-walled cylinders with four different fiber orienta- 
tions and three different wall thicknesses were tested.  The paper discusses 
the observed effects of fiber and matrix materials and the observed static and 
dynamic strength characteristics of these fiberglass shell components. 

INTRODUCTION 

In this application filament-wound cylinders were required to contain 
rapidly applied pressures having pulse durations of the order of milliseconds. 
However, materials selection had to be determined in a relatively short time 
frame and initial economics dictated the use of hydrostatic burst tests for 
screening candidate composites. 

Cost and availability considerations were also decisive in choosing the 
manufacturing process.  Components were produced using conventional wet winding 
procedures and relatively inexpensive epoxies and fiber reinforcements. 

Test pieces described in this paper were fabricated on an EnTec model 850E, 
a horizontal filament winding machine equipped with a photo-servo control mech- 
anism.  Wet winding techniques were used throughout the study with the resin 
being applied to the reinforcement just prior to winding on the mandrel. 
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Mandrels were designed initially for use in a telescoping launch tube study and 
the test pieces represent the inner of the two tubes.  Winding parameters were 
set to insure constant wall thickness.  This accounts for observed variance in 
resin content between different resin systems and also for the consistency of 
resin content within the same resin system.  The mandrels were machined from 
aluminum stock and to close tolerances so that the internal diameter of the 

finished tubes would be 3.250 jj™j: . 

After winding to the desired wall thickness, the composite tubes were cured 
while rotating between centers with Cal Rod heaters.  In most cases, the tubes 
were cured within an hour and then post-cured while still on the mandrels in a 
forced air oven according to schedules required by the different curing agents. 
Machining operations required to prepare test specimens were performed after 
post-curing.  The ends of the tubes were released from the mandrel by means of 
a cut-off wheel, subsequently the tubes were removed by forcing them off the 
mandrel on a load frame press. 

INITIAL MATERIALS SELECTION 

STATIC TESTS 

Static hydroburst tests were completed in our laboratory as well as else- 
where.  Figure 1 is a schematic of our apparatus.  Tubes with wrap angles of 
± 60° and consisting of four helical wraps (see Figure 1) were prepared. 

These cylinders were carefully ground to dimensions of (0.040 n"nnn) wall 

thickness. The specimens were instrumented with strain gages and the pressure, 
strain time response was recorded during the burst experiments.  At first the 
tests were conducted on 36-inch-long tubes.  In this instance, crazing of the 
resin occurred at relatively low pressures.  It was observed that chance devel- 
opment of unsymmetrical local crazing and debonding stresses leads to severe 
bending stresses and consequent low burst pressures.  Shortening the specimens 
alleviated this problem.  Therefore all remaining tubes were shortened to 18 
inches.  In addition, for one resin system, 9-inch-long cylinders were burst, 
in order to establish lower bounds on the magnitude of this length effect. 

Results of the static tests are presented in Figure 2 for the various 
fibers and resins.  The materials are compared on the basis of nominal composite 
strength, computed from simple strength of materials formulae (oc = PD/2t, where 
P = burst pressure, D = mean tube diameter, and t = wall thickness).  Note that 
there is a significant length effect, as shown in the EPON 815 and 826 resin 
systems, where the 9-inch tubes exhibit an observably higher burst strength. 
Shorter tubes also had substantially larger coefficients of variation, illus- 
trating more pronounced dependency on edge effects. 

Resin contents of the tubes were fairly uniform, although metallographic 
observations along the length of a few selected cylinders suggested substantial 
variation throughout each cylinder.  Referring to Figure 2, the various fiber/ 
resin combinations possessed similar magnitudes of nominal burst strength. 
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Highest individual strength was attained in the S901/GLY-CEL C-200 composites. 
However, the range in strength observations, as well as the limited number of 
test specimens is such that it would be difficult to justify choice of one 
composite over any other. Moreover, costs and relative ease of manufacture in 
the wet winding operation were all comparable.  Thus choice of a particular 
resin/fiber combination was motivated by other factors. 

The strength degradation of the EPON 826 system had been previously eval- 
uated under field service conditions.  Based on more than fifty burst pressure 
tests on these tubes, strength reduction was not detectable within scatter of 
the strength data. 

Since the S901/GLY-CEL system had the highest mean strength and lowest 
coefficient of variation, it was decided to determine whether any serious envi- 
ronmental degradation occurred in this composite system. 

ENVIRONMENTAL EFFECTS 

The tubes were expected to be used in rather severe tropical environments 
and it was therefore necessary to establish maximum degradation due to extreme 
thermal and humidity influences. A controlled artificial environmental exposure 
program was conducted to determine the amount of strength deterioration.  The 
conditioning cycle chosen was 160°F and 95% relative humidity [1],  Components 
wound from HTS901 glass and GLY-CEL C-200 resin were exposed for a period of 
16 weeks to this environment and burst tests were conducted periodically through- 
out the exposure duration.  It was found that approximately one third of the 
strength was lost in the first six weeks.  At the end of the 16 weeks of expo- 
sure, strength appears to have leveled off to about one half the initial value. 
Some of the results obtained are listed in Table I. 

Table I Summary of Environmental Effects on Burst Strengths 

S901/GLY-CEL-C200 Cylinders 

Base Line Conditioned Cylinder 
Burst Pressures , psi Burst Pressures, psi 

2015 934 
2040 997 
2040 1004 
2050 1046 
2092 1092 
2134 1103 

2063 Average 1029 

39 Standard Deviation 58 

1.9% Coefficient 
Variation 

of 5.65% 
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The design pressures for these tubes were 725 psi and from a conventional 
safety factor view point the virgin burst pressures are certainly sufficient. 
However, the environmental deterioration is drastic. While it is true that the 
probability of occurrence of 160°F temperatures is rather low, nonetheless 
service temperatures approaching 140°F are definitely anticipated. 

Therefore, on the basis of potential environmental degradation effects the 
GLY-CEL-C200 resin system was eliminated from further consideration. 

HOT GAS BURST TESTS 

Static strengths of the cylinders were substantially larger than the design 
pressure; but it was apparent that the component reliability levels were severely 
reduced due to the environmental exposures.  Furthermore, in field service these 
tubes had to retain dynamic pressures with orders of magnitude shorter duration 
than in the hydroburst tests.  Since high speed loadings were expected to result 
in higher strength levels, it was prudent to determine the extent of deteriora- 
tion of dynamic strengths. 

Selection of sensors, instrumentation and hot gas generator was based on 
review of pressure-time histories of actual field service in similiar types of 
components.  From representative pressure-time histories, the pressure rate, 
magnitude and duration of the pressure pulse could be determined or at least 
approximated. 

A variety of experimental measurements were recorded during the hot gas 
burst tests.  Besides pressure-time pulses, strain (see Figure 3) and gross 
displacements were studied.  A schematic of the experiment appears in Figure 4. 

INSTRUMENTATION 

STRAIN GAGES 

Selection of the strain gages was based on strain capacity (3-5%) and 
power dissipation since fiberglass material is a very poor heat conductor.  Two 
types of gages were selected, e.g., Micro-Measurement (M-M) EA-06-125TM-120 
Option L which is a general purpose two-element 90° rosette and M-M-EA-06-062TW- 
120 Option L which is a so-called torque gage and can measure shear directly. 

The strain gage site was carefully sanded and ground to remove resin with- 
out abrading the fibers and also in order to insure close contact to the rein- 
forcing fibers.  Previous studies concerning effect of varying resin thicknesses 
beneath strain gages on composite materials had shown that resin-rich areas can 
drastically attenuate strain.  Furthermore, nonuniform resin deposits lead to 
increased scatter in the measurements and to spurious results. 

In order to choose adequate adhesive bonding techniques, comparative data 
was obtained on Eastman 910 and BLH-EPY 150 epoxy-bonded gages.  While specimen 
preparation is far less time consuming for the Eastman 910 adhesive, previous 
experiences led to reasonable doubts as to suitability of this material for 
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dynamic tests.  Thus a brief study was completed to determine suitability of 
these adhesives.  The gages on two of the cylinders were bonded with a BLH-EPY- 
150 adhesive, while gages on two comparable cylinders were bonded with the 
Eastman 910 adhesive. Standard surface preparations, bonding and curing tech- 
niques were strictly followed.  Results of three of these tests are shown in 
Table II.  Due to similarity of response of the epoxy-bonded gages only one set 
of test data is shown.  Examination of the strain-time curves for these tests 
reveals similar early-time response. However, the tabulated data suggests that 
the Eastman 910 bonded gages fail more often than the epoxy-bonded gages prior 
to peak pressure.  Thus BLH-EPY-150 was chosen for gage preparation in the re- 
maining test series. 

Table II Comparison of Strain Gage Response for Different Adhesives 

BLH-EPY-150 Adhesive Eastman 910 Adhesive 

Test: A- 1 A-; 2 B- 2 

Burst 
2( 

Pressure: )25 psi 

Strain 

2197 psi 2666 psi 

Strain Strain 
Gage # pin./in. Gage # uin./in. Gage # yin./in. 

1 H 23,696 1 (BAD) - 1 H* - 
2 L 29,295 2 L* 16,548 2 L - 
3 H 36,284 3 H* 10,875 3 H 28,528 
4 L - 4 L* 2,625 4 Lt 6,426 
5 H - 5 H 38,625 5 H 28,875 
6 L 31,820 6 L 30,360 6 L 29,991 
7 H* 20,116 7 H* 15,180 7 H* - 
8 Lt 16,093 8 L 12,750 8 Lt 7,140 

11 S        5,246    11 S (BAD)     -        US       13,912 

*Gage broke before peak pressure 
tGage broke before peak pressure but peaked out 

PRESSURE TRANSDUCERS 

Pressure measurements were obtained simultaneously at both ends of the 
tube in the hot gas burst experiments.  Verification of the accuracy of the 
sensors was determined under static loading and compared to a Heise gage.  Sub- 
sequent calibration of the sensors was performed electronically utilizing a 
test signal designed into the Kistler charge amplifier. 

DISPLACEMENT TRANSDUCERS AND HIGH SPEED PHOTOGRAPHY 

Measurement of radial displacements was attempted with a Bournes Lini-Pot 
as the electronic sensor.  The threaded end of the Lini-Pot shaft was coupled 
to a spring loaded rod.  The displacement assembly was then attached to the 
hot gas burst fixture.  Initially, some measurements obtained were somewhat 
erratic but the mortality rate of the sensors precluded any further attempts 
to monitor displacements. 
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Visual records of dynamic tests were obtained with a Hycam 41-0004 16-mm 
high speed camera.  However, the expanding gas prevented any visual insight as 
to the final mode and locality of the failure. 

HOT GAS PRESSURE PULSE GENERATOR 

The prime factor considered in designing the methodology for producing the 
hot gas pressure pulse was simulation of the pressure rate to coincide with 
actual field firing tests.  The method arrived at for generating a uniform 
pressure pulse consisted of electrically igniting a slow-burning propellant. 
The propellant charge consisted of a measured amount of Improved Military Rifle 
(IMR) Powder 8208 and an igniter encapsulated in a plastic bag (Figure 5). 

Throughout the testing, the procedure for fabricating the igniter was not 
altered and utilized the following components: 

One electric squib type USF-107 

Six grams of ignition granules 2C 

One 2" x 5" x 0.10M thick sheet of M-8 propellant formed into a cylinder 
and sealed at one end. 

The overall dimensions of the finished product were 6" long x 2.16" in diameter. 
Whenever possible, the propellant charge was located along the axis of the 
test specimen and equidistant from its ends. 

DYNAMIC STRENGTH OF GROUND TUBES 

Composite tubes similar to those used in the static screening tests were 
fabricated with helix wrap angles of ±60° and nominally 40 mils thick.  HTS 904 
finished fibers and 826 epoxy resin were used.  However, unlike the static 
specimens which were tested in this as-wrapped condition, the outside diameter 
of the dynamic test specimens was carefully ground to arrive at design dimensions, 

Typical pressure-time records resulting from explosive tests on these tubes 
are shown in Figure 6.  Note that these pressure pulses can be superposed by 
shifting the horizontal time axies, i.e., the major variation occurs in the 
early rise time portions of the pulse.  The burst data obtained is fairly re- 
producible and this fact is borne out by the summary of burst pressures in 
Table III. 

Note the variation of pressure readings with locations.  With the excep- 
tion of test #4, higher pressures were observed at the top position.  It should 
be noted here that in each test the pressure transducer and associated read- 
out equipment was alternated.  The difference between pressures does appear to 
be systematic with the upper transducer usually recording the maximum observed 
pressure.  However, when the maximum and minimum pressures are compared, the 
scatter is within the accuracy of the experiment.  The burst pressures under 
dynamic loading are 43% higher on the average than the static results obtained 
on identical samples listed in Table IV. 
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Table III Summary Burst Pressures (psi) 

Transducer Position 

Test No. Top Bottom 

1 3195 3168 
2 3148 2977 
3 3138 3031 
4 2747 3090 
5 3146 3296 

Average 3115 psi 

Table IV Comparison of Static and Dynamic Burst Strengths, Ground Tubes 

Specimen 
Test       Length,    Type of    Average Burst 

Facility     Inches     Loading    Pressure, psi 

Lab "A" 18 Static 1858 
Lab "A" 9 Static 2104 
AMMRC 9 Static 2179 
AMMRC 9 Dynamic 3115 

PRELIMINARY EVALUATION OF DESIGN PROCEDURE 

Thus far our observations lead to the conclusion that the current tubular 
configuration has a substantial safety factor and as a matter of fact, the 
design of the component is controlled by other criteria related to field hand- 
ling and ruggedness.  Furthermore, the helix wrap orientation had been selected 
predominantly on the basis of a netting analysis combined with static burst 
tests on cylinders and coupon tests performed on rectangular tension specimens 
of HTS 904 and 826 resin and illustrated in Figure 7.  A comparison of the 
strength variation in a unidirectional laminate based on these coupon tests and 
a classical failure theory [2] for composites is shown in Figure 8.  While the 
data closely matches the theoretical curve, this fit is more a check of the 
ability of a nonlinear equation to fit a few test results, rather than a posi- 
tive validation of a particular failure theory.  Ability to predict the behavior 
of the fiberglass components is the appropriate concern. The properties of a 
single lamina deduced from these coupon experiments are given in the Appendix. 

EFFECTS OF WRAP ANGLE AND LAMINATE THICKNESS 

Using hot gas burst procedures just described, experiments were conducted 
on cylindrical specimens with wrap angles of ± 11°, ± 30°, ± 60° and 90°.  The 
number of helix wraps was also varied.  Results available to date are shown in 
Figures 9 through 14.  In Figure 9, the general trend of dynamic burst strength 
versus number of helix layers is shown for three configurations.  Most of the 
data accumulated has been on the ± 60° orientation and the behavior of this 
type of composite is well explored. As expected, the ± 30° cylinders were 
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significantly weaker than the other helix angles.  Results for two thicknesses 
of the ± 30° material are shown and the two-layer shell has comparatively low 
strength.  This type of shell is rather compliant and accordingly subjected to 
early crazing and easier penetration by hot gases.  It is conjectured, there- 
fore, that thermal influences become more significant in this case for the 
thinner shells.  As a matter of fact, more frequent and extensive burn throughs 
occurred for the ± 30° laminates. 

The ± 60° shell behavior is further illustrated in Figure 10, which is a 
typical pressure, strain versus time recording.  It is worthwhile to note that 
only one of the gages indicated failure at peak pressure.  (Hoop gage #1.) 
Supposedly these gages were capable of a least 3% strain.  A number of the other 
gages failed at lower than 3% strain. There are several possible explanations; 
either local failures occurred under the gages and terminated their response, 
or the gages are otherwise blown off and incapable of continually following 
large deformations.  In any case the maximum strains reported ought generally 
to be considered as lower bounds on total elongation. 

Figure 11 compares strengths of the ± 60° shells for several conditions. 
The uppermost line of the illustration is dynamic strength for as-wrapped shells, 
i.e., wet wound and cured without subsequent machining.  For the four-layer 
helix wraps these averaged 3700 psi. Other cylinders were prepared in a similar 
fashion, except they were carefully ground to remove the slight exterior resin- 
rich coating, in order to meet dimensional tolerances.  This resulted in mean 
strengths of 3150 psi.  Surface-ground specimens were also statically hydroburst 
and these shells attained average strengths of 2060 psi. Thus the as-wrapped 
process resulted in 80% strength increase when compared to the static strengths. 
Obviously it is worthwhile to seek alternate methods to grinding in order to 
control tolerances. A final matched die molding step might, for instance, be 
introduced in the curing operation. 

The two lower curves are burst strength predictions based on moduli and 
strengths measured by means of the flat laminate coupon specimens discussed 
previously.  The most elementary form of anisotropic shell theory was used. 
For the lowest curve, measured moduli and strengths were used in the predic- 
tions, resulting in very conservative strength estimates.  The dashed curves 
are based on increased transverse tension (40 ksi) and shear strengths with 
obvious effect on the predictions. 

The simplest shell theory and failure criterion is not adequate for pre- 
dicting dynamic response but fortunately is usually conservative.  In terms of 
further assessment of higher order theories, it is well to commment on the 
test procedure. One of the difficulties in comparing theoretical and experi- 
mental shell response relates to specifying boundary conditions; i.e., fixed or 
free ends, displacements and forces at the specimen end caps.  The hot gas 
apparatus was generally a close approximation to zero inward radial shell end 
motion and virtually no axial friction loads.  Figure 12, for example, is a 
comparison of typical strain distributions throughout a ± 60° cylinder, indi- 
cating fairly uniform strain conditions.  This uniformity is somewhat surpris- 
ing considering that these are strains at failure.  (Refer to Figure 10 with 
apparently premature strain failures.) 
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However, the magnitude of frictional forces apparently varies for differ- 
ent wrap orientations.  Consider Figure 13, illustrating typical hot gas burst 
failures. The 11° and 90° laminates fractured with relatively small deforma- 
tion. The 60° shell has undergone gross distortion while the 30° wrap typically 
achieved extraordinary dimensional changes.  Obviously, these characteristic 
failures have associated varying shell end conditions.  Note especially the 90° 
shell where fractures invariably occurred at the specimen end caps, as well as 
in the shell midsection. The 90° failure modes are further illustrated in 
Figure 14, where fractures are shown for 2, 4 and 6 layers.  The thinnest shells 
generally failed in many more distant locations and also gave evidence of more 
frequent burn throughs perhaps during bursting. 

In order to attempt verification of higher order shell theories, it appears 
that slightly different types of specimen end fittings would be required to 
achieve consistent restraint conditions for the different helix configurations. 

CONCLUSIONS 

The series of static hydroburst and dynamic hot gas experiments discussed 
in this paper have revealed the following: 

The static and dynamic burst strengths of the composite tube under consid- 
eration (i.e., ± 60° wrap and 40 mils thick) are more than sufficient to with- 
stand the anticipated loading conditions.  It should be noted here that other 
investigators [3] have conducted analytical and experimental studies of heli- 
cally wound composite tubes.  Their results indicate that the optimum winding 
angle should be in the range of ± 55 to ± 58 degrees. 

Environmental effects must be considered in the selection of fibers and 
resins for a given application. 

Surface grinding for dimension control results in a marked reduction in 
burst strengths. 

Further refinements are required in specimen end fittings as well as alter- 
nate shell edge constraints to provide some meaningful comparison of theoretical 
and observed shell response. 

Finally, in order to make reasonable predictions on dynamic response, the 
dynamic mechanical properties (moduli and failure strengths) must be obtained 
on representative configurations. 
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APPENDIX.  Single Lamina Properties from Coupon Tests 

Mechanical Property        Average Value 

Longitudinal Modulus, Ei 7.58*106 psi 

Transverse Modulus, E2 lo77><10
6 psi 

Major Poisson's Ratio, v12 0„267 

Minor Poisson's Ratio, v21 0.065 

Shear Modulus, G12 0.50*106 psi 

Longitudinal Tensile Strength, aj 233.3 ksi 

Transverse Tensile Strength, o2 7.33 ksi 

Shear Strength, x12 7.46 ksi 

The shear modulus was estimated using uniaxial and off-axis test data and the 
relation 

G  =  1  

(4/E„5.) - (1/E ) - (1/E ) (l-2v12) 
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Figure 1 Schematic of Static Hydroburst Apparatus 

Specimen 
Length 

Fiber/Resin/Hardener 
(Resin % by weight) Strength,  Ksi (PD/2t) 

70 80 
S904/GLY-CEL-200/MPDA&MDA 

19.48, 6.65, 3.4W 

S901/GLY-CEL-200/MPDA&MDA 
19.51, 1.14, 5.83% 

90 100 

18' 3184.54, 2.08, 2.5%:: 

18' 86.8, 6.03, 6.94% GE 

S904/EPON815/MPDA 
17.82, 1.52, 8.54% 

18" 

9" 

ATI 72.65, 2.7, 3.72% 

ZU 79.32, 13.7, 17.2% 

S904/EPON826/MPDA 
1835, 0.722, 3.94% 

18" 

9" 

76.2, 5.63, 7.39% 

i IE6.3, 133, 15.5% 

^Notation:   Mean Value,  Standard Deviation,  Coefficient of Variation 

Figure 2 Comparison of Static Burst Strengths, Initial Screening Tests 
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Figure 8 Unidirectional Strength Prediction 
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Test 50 Wrap Angle: 11 
No. of layers - 4 
Avg. burst pressure - 137 psl 

Test 6 Wrap Angle: 60 
No. of layers - 1 
Avg. burst pressure - 868 psi 

s >m 

Test 44 Wrap Angle: 30 
No. of layers - 2 
Avg. burst pressure - 296 psi 

Test 40 Wrap Angle: 90 
No. of layers - 6 
Avg. burst pressure - 7657 psi 

Figure 13 Typical Failures - 11-, 30-, 90-Wrap Cylinders 

2-LAYER 4-LAYER 6-LAYER 

Test 24   Bp:     Top - 3052 psi Test 20   Bp:     Top = 6165 psi        Test 32     Bp:     Top = 8722 psi 

Test 34  Bp:    Top = 1375 psi        Test 23   Bp:    Top • 3523 psi        Test 28    Bp:    Top * 8496 psi 

Figure 14 Typical Failures - 90-Wrap Cylinders 19-066-1048/AMC-76 
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ABSTRACT 

An experimental-empirical study of 50 percent volume fraction Borsic-Ti (3A1-2.5V) equal 
leg angles at room temperature revealed high post-buckling strength throughout a wide practical 
range of b/t. This strength is achieved without the necessity of cross-plying or the use of interleaving 
in the unidirectional laminate. Empirical equations for both buckling and crippling are presented in 
a form useful for extension to elevated temperatures and/or improvements in the basic material 
properties. Comparison with other materials is presented and recommendations are given for 
extending the present data to other shapes. 

NOMENCLATURE 

2 area,in. 

a =       effective width of outstanding leg, inches 

b =       effective width of outstanding leg, inches 

E =       tension modulus of elasticity in longitudinal direction, lbs/in. 

E =       tension modulus of elasticity in transverse direction, lbs/in. ;„ 2 

;„2 (E )xx =       compression modulus of elasticity in longitudinal direction, lbs/in. 

;„ 2 (Ec) =       compression modulus of elasticity in transverse direction, lbs/in. ,yy 

e =       strain, in./in. 

;„ 2 (F    ) =       crippling stress in longitudinal direction, lbs/in. 
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;„ 2 (^cr)xx =       initial compression buckling stress in longitudinal direction, lbs/in. 

(F    ) =      ultimate compression stress in longitudinal direction, lbs/in. 

2 (Ft  )xx        =       ultimate tensile stress in longitudinal direction, lbs/in. 

Gvv =       shear modulus, lbs/in. Ay 

L. I = length, inches 

P = load.lbs 

(Pcc)xx = crippling load in longitudinal direction, lbs 

(Pcr)xx = initial compression buckling load in longitudinal direction, lbs 

R = corner radius, inches 

t = thickness of laminate, inches 

w = total width of outstanding legs, inches 

GREEK SYMBOLS 

Pwl v =       Poisson's Ratio, dimensionless 

p =       density, lbs/in.   ; radius of gyration, inches 

INTRODUCTION 

Unidirectional filamentary reinforced metal matrix composites are of interest in stiffened 
panels and stringers because of their very high specific stiffness. Typical cross sections are angles, T, 
Z. I, hats, etc. The majority of aerospace structures containing these shapes are designed for 
compressive loading. The anisotropic strength and modulus of metal matrix composites complicate 
the analytical treatment of these otherwise simple structural elements. Since theoretical buckling 
calculations of composite elements have been reported to be nonconservative [1], it is important 
to obtain experimental data on these systems. Therefore, a series of angle specimens covering a wide 
range of b/t was constructed of Borsic*-Ti (3A1-2.5V) and tested in compression to obtain buckling 
and crippling strength. The purpose of this program was primarily to assess the post-buckling 
strength of formed shapes in the longitudinal direction and to obtain data for comparison with 
other materials. Although the test program, consisting of fifteen specimens, was limited to room 
temperature, the use of empirical equations in terms of the appropriate geometry and material 
property factors allows extension to other temperatures. The titanium matrix was selected because 

*Borsic is a registered trademark of Composite Materials Corporation 
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the material is being considered for elevated temperature applications. The titanium alloy was also 
chosen because the high transverse strength was expected to resist induced transverse bending stress 
and increase the crippling strength. 

The Borsic fiber used was 5.7 mils in diameter and consisted of a boron substrate with a 
0.1-mil coating of silicon carbide to reduce interaction with the matrix. The Ti-3Al-2.5V alloy is a 
near alpha alloy having good formability, notch tensile strength, and corrosion resistance. Typical 
applications for this alloy are ducting, honeycomb, and sheer metal fabrications. Of particular 
interest is the alloy availability in foil form at low cost. At 50 volume percent reinforcement, the 
composite achieves rule of mixture modulus values. Typical longitudinal ultimate tensile strength 
values are approximately 170,000 to 180,000 psi and transverse ultimate tensile strength values are 
60,000 to 70,000 psi [2]. In general, the compressive ultimate strength of the composite is three or 
four times higher than the tensile strength [3]. This is due to the brittle fiber which reacts to 
surface flaws in tension but not in compression. These higher compressive strength values are well 
known in metal matrix composites [4| but are realized only with great difficulty experimentallv. 
by preventing buckling and forcing a compressive failure mode. The shear strength of a titanium 
matrix composite corresponds to the shear strength of the matrix |3] and may be taken as 60,000 
to 70,000 psi for this composite system. 

Titanium matrix composites are used in applications requiring elevated temperature 
capability, off-axis strength, matrix shear strength, erosion and impact resistance, and ease of 
diffusion bonding. Borsic-titanium is an attractive candidate for service temperatures above 450°F 
and maintains useful strength to 1000°F. The high off-axis strength of Borsic-titanium frequently 
eliminates the need for cross-ply construction. The high matrix shear strength of titanium and the 
ease of diffusion bonding allows the attachment of the composite without complex end or joint 
geometries. Borsic-titanium also has impact resistance superior to either resin matrix or 
boron-aluminum composites. 

Applications for titanium matrix composites may include use of a completely reinforced or 
selectively reinforced component. Examples of complete reinforcement are applications such as 
compressor fan blades, struts, reinforcing members, and skin covering. Selective reinforcement may 
be used to increase stiffness, tensile strength, compressive strength, or shear strength in specific 
locations of existing components or structures and has been used for fan blades and aircraft 
structural sections. The maximum potential of composite materials is realized when the properties 
of the composite are considered in the initial design stage rather than in a subsequent modification 
of an existing design. 

SPECIMEN DESIGN AND FABRICATION 

Angle specimens were designed for a wide range of b/t typical of outstanding leg dimensions 
of typical airframe components. To prevent, as nearly as possible, column action the slenderness 
ratio was established as L/p * 12 to ensure local instability failures. Table I shows the specimen 
dimensions selected for test where three replicates of each b/t ratio were fabricated. 
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Table I.  Specimen Dimensions 

b'/t R t 
(Ref.) w, I (R = 6t) (Nominal), 

Nominal in. in. in. in. 

10 0.40 1.00 0.24 0.040 
15 0.60 1.50 I , I 

20 0.80 2.00 
30 1.20 2.80 r f 

40 1.60 3.75 0.24 0.040 

^±0.005- 

_Long itudinal 

Direction 

US T 
w 
).C 
w 

±0.0101 

The crippling specimens were fabricated of 50 volume percent Borsic-Ti (3A1-2.5V) in a 
unidirectional laminate. The fabrication process employed vacuum press diffusion bonding which 
provides good properties and is applicable to the production of reinforced metal matrix composites. 
The basic fabrication procedure involved press bonding of monotapes, bending the monotapes into 
the required radii, and subsequently diffusion bonding the monotapes together into the five-ply 
laminate crippling specimen. 

Monotape fabrication was performed in a vacuum after collimating the fibers by drum 
winding and placing the resulting mat in between two plies of rolled titanium alloy foil. 
Consolidation conditions were 1550°F/25 ksi for 15 minutes. The resulting monotape is completely 
dense with the filaments very uniformly spaced. Monotapes up to 15 feet in length have been 
produced in this manner by step press bonding. 

Monotapes were formed to the required radius at elevated temperature and were nested in 
packs of five to obtain the differential radii required from the I.D. to the O.D. of the corner radius. 
A typical formed monotape is shown in Figure 1. No difficulty was encountered in forming to the 
1/4-inch radius. The monotapes were then cleaned and etched to 50 volume percent reinforcement 
prior to bonding together. 

The crippling specimens were then diffusion bonded in a vacuum using the nested individual 
monotapes. The final bonding operation was performed in an 1N-100 die which consisted of a 
radiused V-block female member and a radiused "V" punch. The individual monotapes bond 
together with bare metal strength. The basic advantage of the monotape approach is that the fibers 
are very uniformly spaced and do not move together during subsequent fabrication. 

The angle crippling specimens produced are shown in Figure 2. All specimens were inspected 
by radiography, metallographic sections cut off from the ends, and optical microscopy of the 
as-machined specimen ends. Selected specimens were destructively evaluated by dissolving the 
matrix to ensure that no filament breakage had occurred. A typical microsection is shown in Figure 
3. The filaments were well distributed, the initial monotape well consolidated, and the monotapes 
were completely bonded together. 
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Figure 1. Borsic-Ti (3-2-1/2) Monotape Bent to 
1/4-inch Transverse Radius 

Figure 2.  Borsic-Ti (3—2-1/2) Crippling 
Specimens 

Figure 3. Macrosection of Typical Borsic-Ti (3—2-1/2) Crippling Specimen 

MATERIAL PROPERTIES 

Material properties were obtained from various sources as shown in Table II. Of particular 
importance are the unidirectional compression modulus and the unidirectional compression 
strength. References are shown for each of the material property values with (Fcu)Xx being 
obtained from IITRI f3] data and the compression modulus, (Ec)xx, obtained from strain gage 
data during the investigation described herein. Reference [3] indicates the ultimate compression 
strength, (Fcu)xx, to be 690 ksi for a unidirectional Borsic-Ti laminate of 45 percent volume 
fraction. In these laminates the matrix was Ti-6Al-4V rather than the Ti-3Al-2.5V matrix used in 
the present investigation. However, both rule of mixtures and a strain analysis show the 50 percent 
volume fraction Ti-3Al-2.5V laminate to have nearly identical compression strength with the 45 
percent volume fraction laminate using the Ti-6Al-4V matrix as reported in Reference [3]. 
Therefore, the value of (Fcu)xx = 690 ksi may be accepted as a typical compression strength of the 
laminates and specimens described in this paper. Average values for two strain gages are shown in 
Table III for the compression modulus, (Ec)xx. 
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Table II. Borsic-Ti Material Properties 

TENSILE MODULUS 

XX 
33 x 106psi (TRW data) 

yy 
23 x 106psi* (TRW data) 

COMPRESSION MODULUS 

1    (CAD data from 
angle test specimens) 

<Ec>xx =   38.5 x 106psi' 

SHEAR MODULUS 

Gxy   = 11.25 x 106 psi 

COMPRESSION STRENGTH 

Reference [3] '  cu'xx =   690,000 psi*, 

TENSILE STRENGTH 

'   tu'xx =   170,000 psi (TRW data) 

POISSON'S RATIO 

"xy    = 0.25*, Reference [3] 

v       = yx 0.17*. Reference [3] 

DENSITY 

p   =   0.125 lbs/in.3 (TRW data) 

"Values used to define empirical equations 

Table III. Compression Modulus of Elasticity 

from Strain Gage Data, Borsic-Ti Angles 

b/t 
Compression Modulus of Elasticity, 

*ecAx' psi 

9.4 36.8 x 106 

9.2 40.5 x 106 

13.8 38.8 x 106 

13.7 39.7 x 106 

14.1 36.5 x 106 

19.5 38.0 x 106 

19.1 39.2 x 106 

Average (Ec)xx ■ 38.5 x 106 psi 

TEST PROCEDURE AND INSTRUMENTATION 

All tests were performed at room temperature on a 10,000-pound Instron test machine. 
Although the specimens were found to be flat and parallel on the loaded ends, an aluminum plate 
was placed between the specimen ends and the loading head of the test machine to ensure a 
uniformly distributed load. The cross-head speed was 0.05 inch/minute for all tests and 
load-deformation curves were continuously plotted on the Instron chart recorder to ascertain the 
peak load for crippling definition. 

Specimen instrumentation consisted of two back-to-back axial strain gages at the edge of one 
outstanding leg and located in the center of the specimen lengthwise. Each strain gage was read 
separately and continuously recorded on an X-YY recorder to determine the point of initial 
buckling and provide data in the elastic range for compression modulus of elasticity definition. 
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BUCKLING ANALYSIS 

Buckling data from eleven specimens were utilized to determine the initial buckling 
characteristics of the outstanding legs of the angle specimens. These included three specimens at 
b/t = 9, three at b/t = 14, three at b/t = 19, and two at b/t = 29. See Figure 4 for the definition of 
b/t which allows for equal or unequal leg angles according to Reference [5). The definition of 
buckling stress was determined from the two back-to-back strain gages mounted longitudinally at 
the outer edge of one leg of the angle. Figure 5 shows typical curves obtained from the two strain 
gages with strain plotted versus applied load for a specimen with b/t = 19.1. These curves illustrate 
the linear variation up to initial buckling and the strain reversal as the crippling load is approached. 
For a more precise definition of the initial buckling stress the bending strain (Ae), as shown in 
Figure 5, is plotted in Figure 6 versus the applied compression stress. Two typical curves are shown, 
one tor b/t = 14.1 and one for b/t = 19.1, with the initial buckling stress defined by (Fcr)xx. This 
procedure was followed for each of the applicable specimens. In the higher b/t ranges the strain gage 

were somewhat erratic due to initial waviness or slight eccentricities and were not considered 
reliable.  Using the  above definition of buckling stress from the experimental data the buckling 

Figure 4.  b/t Definition for Angles 
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Figure 5. Critical Buckling Load Definition, 

b7t =  19.1, Borsic-Ti Angles 

Figure 6. Initial Buckling Stress by Strain 
Difference Method, Borsic-Ti Angles 
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Stresses were plotted versus b/t on a log-log plot as shown in Figure 7. For buckling of isotropic 
materials this results, basically, in a linear plot. Therefore, it is interesting to note from Figure 7 
that the data from the orthotropic Borsic-Ti angle legs indicated a linear relationship. With this 
assumption a least squares fit of the data produced the straight line in Figure 7 defined by the 
general equation 

(Fcr)xx "   (4J1 * lo6) (t/b)1-523 
(1) 

CO 
I 
o 

x 
X 

c 

o 
CO 

o 
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'  cr'xx 

SS 

/ 
/ 
/   SS 

Free Edge 

Least Squares Fit of Data 

0.184 7T2  "Y (Ec) xx *  c'yy 

12 (1 - v     V    ) * u       xy   yx' ©' 
.523 

^ 

Orthotropic Plate Equation Reference (6l 

'<Fcr>xx  " <*   { Gxy/b2 + ^ ^EcWt12 ^ <1 " ^ ^KKX" } 

8      9    10 20 

b/t 

30 40 50 

Figure 7.  Buckling Data for Borsic-Ti Equal Leg Angles 

52 



However, to allow more general use of the buckling equation for elevated temperature or 
improvements in material properties, a form of the equation is defined which is equivalent to the 
isotropic plate buckling equation where 

'   cr/xx ©: 12(1 -v1)       VV ' (2) 

Substituting E = }j (Ec)xx (Ec)yv) and v2 = fxv J>yx with n = 1.523 the equation for Borsic-Ti 
plates with one edge free becomes 

0.184 7T2    y(Ec)xx(Ec)yy        £v    L^ 

(F°r)xX=        '2('-^V) W (3) 

to fit the data of Figure 7. Note that the buckling coefficient, k, apparently has a value of 0.184. 
For isotropic materials this value is highly dependent on the aspect ratio of the plate. However, for 
the dimensions of the outstanding legs of the test angles there was very little difference in the aspect 
ratio. Therefore, no inference can be drawn on the variation of the buckling coefficient, k, with 
aspect ratio and the value of 0.184 is adequate for all test specimens. 

For comparison in Figure 7 the orthotropic plate buckling equation from Reference   [6| was 
selected for comparison. This equation is recommended by Reference [7 ]. From Reference   [6] 
the buckling load per inch on a plate with one edge free and three sides simply supported is defined 
by 

>xy/b2 + m2*2<Ec)x*/(12/2(1 _„2y   (Ec)yy/(Ec)xx)]j xx   " \    xy 

where m is the number of half-waves in the x-direction. Thus, the smallest buckling load in 
Equation (4) is defined with m = 1. From Equation (4) the initial buckling stress according to 
Reference  [6] would be 

(FCr>xx = <2      Gxy/b2 + *2(Ec)xx/H2"*2(1-"x2y  (^n/(Ui)]j 
(5) 

This equation appears to be somewhat unconservative at b/t < 14 and conservative at b/t > 
14 based on the present test data shown in Figure 7. 

For a summary of the buckling loads and stresses, refer to Table IV which also defines the 
post-buckling strength of the specimens. 
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Tablt les 

Initial Crippling 

b/t 
Area, 
in:2 

Buckling Load, 

<Pcr>xx<lbs 
Buckling Stress, 

(Fcr>xx'Psi 

Failing Load, 

PcAx'lbs 
Stress *  cc'xx'*  crxx 

9.4 0.0280 3,985 142,305 5,420 193,600 1.360 
9.2 0.0279 4,719 169,155 6,000 215,100 1.271 
9.0 0.0257 4,117 160,205 5,320 207,000 1.292 

13.8 0.0414 3,490 84,309 4,830 116,700 1.384 
13.7 0.Ü417 3,590 86,099 4,890 117,300 1.362 
14.1 0.0412 3,669 89,052 4,860 118,000 1.325 
19.0 0.0573 2,948 51.462 4,450 77,700 1.509 
19.5 0.0573 3,128 54,595 4,320 75,400 1.381 
19.1 0.0583 3,047 52,268 4,440 76,200 1.457 
28.7 0.0915 2,625 28,683 4,650 50,800 1.771 
28.7 0.0906 2,685 29.635 4,900 54,100 1.825 
28.7 0.0902 • * 4,900 54,300   
39.5 0.1180 • * 4,620 39,200   
39.7 0.1193 * * 4,720 39,600   
38.6 0.1228 • • 4,800 39,200   

"Erratic strain gage results produced by slight eccentricities or waviness of the outstanding legs. 

CRIPPLING ANALYSIS 

The test data obtained from the fifteen angle specimens are summarized in Table IV and 
plotted in Figure 8. This figure shows a log-log plot of crippling stress, (Fcc)xx, versus b/t to 
determine linearity for equation definition. It is obvious from Figure 8 that a single linear equation 
would not represent the data satisfactorily, but it appears that a two-piece linear representation 
would be quite adequate. Therefore, it is necessary to define two different equations, one for each 
linear segment. From Reference (5) each linear segment is represented by a least squares fit 
equation of the form 

{F,.)xx = K/(b/t ,m (6) 

Two least squares solutions were performed. The low b/t segment utilized nine data points for b/t = 
9, 14, and 19. The higher b/t segment used nine data points for b/t = 19, 29, and 39 where exact 
failing stresses and b/t values were used in the least squares solution. The least squares solution 
equations in the form of Equation  (6) are 

(Frc) cc'xx 

and 

(?cc) 

K 

(b/t ,/,a.34 

K 

4.01 x 10* 

(b/t)1-34 

1.655 x 106 

(b/t)1-02?       (b/t)1'027 

(lower b/t range) 

(higher b/t range). 

(7) 
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Figure 8. Crippling Data for Borsic-Ti Equal Leg Angles 
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Equating Equations  (6) and (7) leads to the intersection point 

b/t =  17and(Fcc)xx =  90,500 psi. 

The basic empirical equations for crippling stress for the Borsic-Ti angles are 

,6 4.01 x 10c 

and. 
(8) 

1.655 x 106     .- I 
F„ »— ;   b/t> 17. 

(b/t}1-027 

Although Equation (8) is sufficient to determine the crippling stress for any b/t value at room 
temperature, the equations are not sufficiently general to allow for elevated temperature properties 
or improvements in material properties for the Borsic-Ti. Therefore, the procedures of Need- 
ham [5) are utilized to provide a more general equation which includes material property 
parameters. 

In Equation  (6) the form of K is based on the effective width equations of von  Karman[8] 
and Marguerre [9| where the proposed form for K is 

ml  
K = C      V   fse m " l E- (9) 

Since m was selected as 2 for isotropic materials it will also be assumed to be effective for the metal 
matrix materials. From References [8| and [9] fse is the stress at the junction of flat plate 
elements and ordinarily would be selected as the compression yield stress, Fcv, for isotropic 
materials. However, metal matrix materials do not possess an offset yield stress and some other 
reasonable value must be selected. Spier [10] essentially uses (Ftu)xx as a value of fse for boron-Al 
but there is no justification for this value other than the fact that no compression data were 
available. Also, since a stress-strain curve for metal matrix materials is essentially straight a yield 
point would be very difficult to define. This leads to the conclusion that a compression ultimate 
stress, (Fcu)xx, would be a logical choice in place of the Fcv used for isotropic materials. 
Furthermore, the general equations are intended for extension to elevated temperature use and for 
improvements in material properties. This dictates that a representative compression strength value 
such as (Fcu)xx be used since the variation of (Fcu)xx with temperature may well be different than 
the variation of (Ftu)xx with temperature. Therefore, the value of fse in Equation (9) is replaced 
with a value for (Fcu)xx. From Reference   1101  the value of E in Equation  (9) can be replaced by 

E =     VEc)xx (Ec)yy (10) 

Substituting (Fcu)xx, m = 2, and Equation  (10) into Equation  (9) yields 
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K  = C V(Fcu)xx((Ec)xx(Ec)yy] 
T72 (11) 

The values of the coefficient, C, are defined by Equation (11) for the two linear portions of the 
curve (b'/t < 17 and b'/t > 17). The material properties used are (Fcu)xx = 690,000 psi, (EJ^ = 
38.5 x 106 psi, and (Ec)yy = EVy = 23 x 106 from Table II. With K = 4.01 x 106 for b'/t < 17 
and K = 1.655  x 10^ for Wt > 1/ the values of the coefficients are 

C = 0.885, b/t < 17 

C = 0.365, b/t >  17. 
(12) 

Substituting the values of C from Equation  (12) into Equation  (11) and hence into Equation  (7) 
yields the general equations 

(F, cc'xx = 0.885 

(13) 
V (Fcu)xx     [(Ec)xx(Ec)yJ/2 '  (b/t)134; b'/t < 17 

(Fcc)xx = 0.365     V<Fcu)xx    [(Ec)xx(Ec)yy]1/2 /  (b'/t)1-027; b)t > 17. 

A test data summary is presented in Table IV where an indication of the high post-buckling 
strength of Borsic-Ti is shown in the last column. Photographs of the failed specimens are shown in 
Figure 9. All failures were indicated by the Instron chart recorder as the peak load was reached. All 
specimens except those at b'/t = 10 exhibited excellent resiliency and no transverse cracks or 
delaminations were observed after unloading from the peak load. Some local failures and lateral 

b/t =  10 b/t = 15 b/t = 20 b/t - 30 b/t = 40 

Figure 9. Typical Failed Borsic-Ti Angle Test Specimens 
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instability were observed, however, in those specimens with b/t = 10. Some permanent buckles 
were observed in the larger b/t specimens but no sharp wrinkling or catastrophic failures were in 
evidence. Post-buckling strength and failures were similar to isotropic materials except for the 
sudden catastrophic failures common to isotropic metal crippling failures. This difference is believed 
to be due to the high stiffness, high strength, and lack of a definite yield point for the Borsic 
filaments. 

A comparison with the boron-Al data of Spier [ 10], and Otto and Bohlmann [ 11 | is shown 
in Figure 10. These metal matrix materials exhibit greater efficiency than the best of the isotropic 
metals in present use as shown in Figure 11. In this figure the clear superiority of Borsic-Ti is shown 
when used in a unidirectional compression load application throughout a wide range of b/t. 

Recognizing the quasi-isotropic behavior of the Borsic-Ti angle test specimens leads to the 
conclusion that the data presented herein could be readily extended to tubes, V-groove plates, 
multicorner sections, and stiffened panels using the "g-correlation" scheme of Gerard [12|. This 
would only require fitting Gerard's basic crippling equation to the two linear portions of the curve 
presented in Figure 8. 
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CONCLUSIONS 

In summary, a high degree of post-buckling strength is present in unidirectional Borsic-Ti 
without requiring cross-plying or interleaving titanium foil. This capability is attributed to the high 
interlaminar shear strength and high transverse strength of the titanium matrix. The empirical 
equations presented for buckling and crippling utilized appropriate available mechanical property 
data at room temperature and are considered adequate for extension to elevated temperature 
application and improvements in the basic material properties. For the most accurate use at elevated 
temperature the best procedure is to use a curve of percent room temperature (Fcu)xx versus 
temperature with the value at room temperature taken as (Fcu)xx = 690 ksi since this value was 
used in the equation for crippling. Using this procedure, neither the equation constant nor exponent 
would be affected which allows direct use of the equation presented herein. Tentatively, it may be 
recommended that the data presented may be used with the "g-correlation" scheme of Gerard [12] 
for extension to other formed shapes. 

It is, therefore, recommended that some further effort investigate the extension to high 
temperature application and to more practical formed shapes as well as V-grooved plates. 
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ABSTRACT 

During a series of compression tests, post buckling behavior was observed of A-S/3501 
graphite/epoxy laminated plates and channels; layups were[±45A/0B/T45AlT for B/A ratios of two, 
four, and six. These laminates spanned practical configurations for plate elements o\' stiliencrs. 
Plates and channels were designed for a crippling test program in which the loaded ends of the test 
specimens were clamped, and the unloaded edges of the plates were simply-supported. Post buckling 
behavior of the laminated plates was surprisingly analogous to that of isotropic metal plates. 

NOMENCLATURE 

b = Width of plate 

bf = Width of channel flange measured to mid-surface of channel web 

bw = Width of channel web measured to mid-surfaces of channel Hanges 

B = Number of 0-degree plies in laminate 

L = Free length o\' laminated specimen before mounting in end blocks 

L = Effective column length 

Pcc = Ultimate or crippling load 

Pcr = Classical theoretical linearly elastic buckling load 

PjCr = Incipient buckling load 

t = Mean thickness of laminated plate or channel 

Pmjn = Minimum radius of gyration of channel cross-section 

INTRODUCTION 

Compression testing of graphite/epoxy laminated plates and channels was performed to obtain post 
buckling characteristics and determine ultimate or crippling strength I 1 1 of these structures. In this 
research, the behavior of the plates and channels is observed at and beyond the point of incipient 
buckling; further, the incipient buckling value is compared with that predicted by the elastic 
buckling theory, used widely for estimating the buckling strengths of graphite/epoxy plates and 
channels. 
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EXPERIMENTAL PROCEDURE 

Dimensions of flat plate lost specimens are given in Figure 1. Figure 2 shows one of the longer 
specimens in the test fixture with the loaded ends potted m aluminum blocks and unloaded edges 
supported in the V-grooves of steel plates (Figure 3). Unloaded edges are considered to be 
simply-supported if the test specimen is free to move in the loaded direction without friction in the 
blocks; the blocks, then, prevent lateral movement o( unloaded edges to the point of incipient 

buckling. Beyond this point, warping of the specimen could occur, resulting in some lateral 

movement of the unloaded edges. After the V-groove plates are adjusted to the edges of the 

specimen, clamp-down bolts secure them in place. Plate length is approximately four times the 

width. Two sizes of plate test specimens are shown in Figure 4. 

Figure 5 gives the dimensions of channel test specimens whose ends are potted in aluminum 
blocks. The slenderness ratios (L'/pmjn) o\ channel test specimens are approximately equal to 12. 
which is the ratio required for a crippling test. Moreover, the value pmin/bf (maintained at about 
one-third) is the approximate value when bf/bw >0.3. The two common channel sizes are shown in 

Figure 6. A-S/3501 graphite/epoxy was used exclusively in the test program with the following three 

laminates. 

[±452/04/+45:]T 

|±452/08/+452]T 

[±45 2/0,2/^452^ 

These three laminates are most appropriate for the plate elements o\ stiffeners. End blocks are 
loaded directly by the testing machine platens, thus simulating clampled-end conditions for both 
plates and channels. 

TEST RESULTS FOR THE PLATES 

Compression test results for graphite/epoxy laminated plates with simply-supported, unloaded, edges 
are presented in Table I . Values for Pcr were computed using equations presented by the 
authorsfl]. Values lor P: indicate that in all cases, the theoretical buckling load was 
unconservative: values for Pcc l)C1 show that in certain tests, the ultimate loads were less than the 
corresponding theoretical elastic buckling loads, exposing the futility of using classical buckling 
theory tor laminated plates. 

In Figures 7, 8, and 9, specimen displacement is plotted against machine load. In each figure, 
the slope o\ the load displacement curve suddenly drops to about one half at the point of incipient 
buckling. This same behavior was observed in orthotropic laminated plates by Flarris f 2 ] and in 
metal plates by Stein [3]. Stein's experiments agree quite well with his plate buckling analyses in 
which a set of linear equations yield accurate results in simple form. In the authors' analysisf 1 ] 
equations were derived from classical, closed-form orthotropic elastic buckling theory of plates. 

Figure 10 shows one of the longer plates loaded in compression, the post buckling pattern 
(tour hall waves with amplitudes <^i several times the thickness) is typical of the longer specimens. 
The C-clamp applies light pressure against the V-blocks. preventing del lection caused by warping of 
the test specimen. For shorter specimens. V-blocks require no additional support, and buckling 
patterns are less pronounced. 
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Figure 1 1 shows the same test specimen after failure. The failure appears to start at the point 
of contact with the V-block, and then the crack in the outer 45-<Jegree ply propagates toward the 
center of the specimen. For many specimens, this failure is typical, but some specimens failed by 
transfer shear cracks through the thickness along a line of contact with the V-blocks. In all cases, 
some delamination occurred somewhere along at least one of the edges in contact with the V-block. 
None of the failures, however, are considered catastrophic. Ultimate compressive strengths of the 
laminates, reported in Reference 1, were determined by the authors [4] by testing small specimens in 
the compression fixture and by testing Celanese specimens. All tests resulted in catastrophic 
failures. 

POTTING' 

A 
i 

0.5 0.30—1 U  0.25 

c= L + 0.5 

l—l a = b + 0.50 

DIMENSION (IN.) SPECIMENS 

b             2.00 

L            8.00 

2,4,6 

b             3.00 

L           12.00 

1,3.5 

Figure I. Plate test Sp€i miens. 
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Figure 2. Flat platt specimen in compression fix!ure 

CLAMPOOWN BOLT FOR' 
ADJUSTABLE V-BLOCK 

Figure*3. View of V-bloeks in plate compression fixture. 
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r 
Figure 4. Tw<> sizes of flat plate compression test specimens 
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POTTING 
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a                    2.55 14,18,22 

(b-i)            0.75 
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L                   5.25 

a                    5.17 16,20,24 
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L                  10.50 

Figure 5. Channel specimens 
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Figure 6. Typical channel compression test specimens. 

Table I. Compression test results oj I ±45->/Oßl+45 ^1 j laminated plates. 

Geometry 
Theoretical 
Buckling Test Results 

Specimen 
No. 

v/o 
% B 

L 
(in.) 

b 
(in.) 

t 
(in.) t 

par 
(lb) (ib) 

pcr/pcr pcc 

(Ib) 
pcc/pcr 

2A 60 4 8 2.002 0.0630 31.75 3,990 3,000 0.75 3,570 0.89 
2B 60 4 8 2.001 0.0642 31.17 4,220 3,250 0.77 4,260 1.01 
2C 60 4 8 2.002 0.0617 32.45 3,745 3,250 0.87 4,115 1.10 
4A 65 8 8 2.001 0.0838 23.88 9,010 6,300 0.70 7,680 0.85 
4B 65 8 8 2.001 0.0821 24.38 8,470 6,400 0.76 7,500 0.88 
4C 65 8 8 2.007 0.0849 23.64 9,340 6.350 0.68 7,175 0.77 
6A 65 12 8 2.001 0.1030 19.43 15,940 10,200 0.64 1 1.360 0.71 
6B 65 12 8 2.001 0.1052 19.02 16,985 10,300 0.61 12,300 0.72 
6C 65 12 8 2.004 0.1031 19.44 15.960 12,400 0.78 13,125 0.82 
1A 60 4 12 3.000 0.0644 4638 2,840 2,300 0.81 3,900 1.37 
IB 60 4 12 3.010 0.0644 46.74 2,830 1,900 0.67 4,070 1.44 
1C 60 4 12 3.000 0.0642 46.73 2,815 2,250 0.80 4,375 1.55 
3A 65 8 12 3.000 0.0836 35.89 5,965 5,100 0.85 7,800 1.31 
3B 65 8 12 3.000 0.0867 34.60 6,655 5,200 0.78 7,400 1.11 
3C 65 8 12 3.000 0.0860 34.88 6,495 5,700 0.88 7,100 1.09 
5A 65 12 12 3.000 0.1057 28.38 11,495 9.250 0.80 11,550 1.00 
5B 65 12 12 3.000 0.1066 28.14 11,790 10,400 0.85 12,250 1.04 
5C 60 12 12 3.000 0.0980 30.60 9.170 8,000 0.87 11,825 1.29 
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Figure 7. Testing machine load versus head travel for flat plate specimen 4A. 
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Figure 8. Testing machine load versus head travel for flat plate specimen 3A 
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Figure (>. Testing machine hunt versus head travel for flat plate 'specimen 5B. 

Figure 10. Typical post buckling pattern of the louver laminated plates. 
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TEST RESULTS FOR THE CHANNELS 

Compression test results for graphite/epoxy laminated channels are presented in Table 2. As with 
plate test results, head displacement is plotted against machine load. Also, photographs were taken 
during loading. Test results are similarly reported in Tables I and 2. including the ratios P-cr Pcr and 
pcc/pcr j^e vaiues 0f per jQr tjR, c)lanneis were ajs0 computed using equations presented by the 

authors! 1 I. There is good agreement between incipient and calculated buckling loads for most tcsiv 
In all cases, the ultimate or crippling loads exceeded the calculated buckling loads, and the longer 
channels tailed at loads at least double the theoretical buckling loads. 

Load displacement for channel specimen 14-3 is shown in Figure 12. The test specimen is 
shown in Figures 13 and 14 at loads of 9,600 and 10.225 pounds (ultimate load). The flanges 
buckled only slightly at the lighter load but delaminated and crimped severely at ultimate load. 
Since most of the damage to the web appears at the damaged corners, it is concluded that the 
failure mode is uoverned by interaction of the web and flange. 

Load displacement for channel test specimen 16-3 is shown in Figure 15. In Figures 16, 17, 
and IS. the test specimen is shown at loads of 5,000; 7,750; and 9,325 pounds (ultimate load). At 
5,000 pounds, the flanges buckled into two half waves; at 7,750 pounds, the buckling pattern 
changed to three half waves. This change is plotted in Figure 15 at a displacement slightly greater 
than 0.05 inch. As seen in Figure IS. crimping and delammation appear to start at the corners. 
Severe delamination occurred at the free edge of one flange. 

Load displacement for test specimen 24-1 is plotted in Figure 19. In Figures 20 and 21. the 
test specimen is shown at loads of 16.450 and 1 c>, 100 pounds. Two views of the specimen at 27.600 
pounds (ultimate load I are shown in Figures 22 and 23. The buckling patterns for this specimen are 
somewhat similar to the previous two, but the mode of failure was much more severe; the web 

irated from the Hanges; one flange sheared apart; and extensive delamination was.present. 

CONCLUSIONS 

Post buckling behavior of graphite/epoxy laminated plates and channels has been presented in 
machine load versus head travel plots and through photographs of incipient buckling, post buckling, 
and failure characteristics o\ the test specimens. Since the buckling patterns of the plates were 
difficult to photograph, only one is presented. However, many distinct and interesting photographs 
o( channel buckling patterns and ultimate failure or crippling are shown. All laminates exhibited 
very inelastic behavior in ultimate compressive strength tests.Kl 

The classical linearly elastic buckling theory agi cos reasonably well with the apparent point o\' 
incipient buckling for channels, perhaps because the stress levels were relatively low,being close to 

the linear portion of the compressive stress-strain curves. Hence, elastic properties are nearly valid 

for the channels. 
Attempts to predict buckling loads for graphite epo\y plates using a simple theory are futile. 

Since the stress levels at the lower b/t ratios are clearly in the inelastic range of the compressive 

stress-strain curves, a reliable plasticity theory for laminated plate elements is needed to predict 

buckling loads. Until such a theory is developed, the design of minimum weight, graphite/epoxy 
stiffened panels will depend on the availability of empirical crippling curves. In support of this plate 
buckling analysis, virtually identical analytical results were obtained by the analysis of a specimen in 
a computer program [51 using an anisotropic buckling theory and accounting for exact boundary 
conditions. 
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Table 2.  Compression test results of /±45^/0ß/+45^1j laminated channels. 

Theoretical 
Geometry Buckling Test Results 

Specimen 
No. 

v/o 
% B 

L 
(in.) 

bf 
(in.) 

bw 
(in.) 

t 
(in.) 

per 

(lb) (ib) 
V'/pcr 

pCC 

(Ib) pcc/pcr 

14-1 62 4 5.25 0.749 2.645 0.0727 7,430 7,500 1.01 10,050 1.35 
14-2 62 4 5.25 0.750 2.649 0.0714 6,820 9,250 1.36 
14-3 62 4 5.25 0.747 2.652 0.0756 8,280 8,100 0.98 10,225 1.23 
18-1 62 8 5.25 0.741 2.652 0.0819 9,990 9,300 0.93 12,050 1.21 
18-2 62 8 5.25 0.744 2.658 0.0839 10,880 11,250 1.03 13,175 1.21 
18-3 62 8 5.25 0.746 2.656 0.0838 10,810 10,500 0.97 13,625 1.26 
22-1 62 12 5.25 0.752 2.661 0.0995 17,590 15,000 0.85 20,750 1.18 
22-2 62 12 5.25 0.747 2.654 0.1009 17,950 17,500 0.97 21,875 1.22 
22-3 62 12 5.25 0.742 2.663 0.1026 18,740 17,500 0.93 22,450 1.20 
16-1 58 4 10.50 1.500 5.249 0.0632 2,510 2,600 1.04 9,625 3.83 
16-2 58 4 10.50 1.502 5.254 0.0630 2,590 2,600 1.00 9,475 3.66 
16-3 58 4 10.50 1.501 5.256 0.0644 2,800 2,550 0.91 9,325 3.33 
20-1 59 8 10.50 1.497 5.265 0.0864 6,500 5,000 0.77 17,425 2.68 
20-2 59 8 10.50 1.495 5.266 0.0880 6,800 6,250 0.92 17.075 2.51 
20-3 59 8 10.50 1.495 5.273 0.0853 5,900 6,500 1.10 18,025 3.06 
24-1 58 12 10.50 1.495 5.291 0.1082 12,070 11,100 0.92 27,600 2.29 
24-2 58 12 10.50 1.493 5.289 0.1082 11,860 11,500 0.97 27,125 2.29 
24-3 58 12 10.50 1.497 5.287 0.1089 12.270 12,500 1.02 25,950 2.11 

Figure II. Compression failure of one of the longer laminated plates (shown in Figure 10 in the 
post buckling stale). 
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Figure 12, Testing mat nine load versus head travel for channel specimen 14-3, 
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Figure 13. Compression buckling of channel specimen 14-3 at 9,600-Ib load. 

Figure 14. Ultimate compressive failure ofchannel specimen 14-3 at 10,225-lb load. 
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Figure 15  Testing machine load versus head travel for channel specimen 16-3 
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Figure \(\ Compression post buckling of channel    Figure I 7. Compression post buckling of channel 
specimen ]ft-S at 5,000-lb load. specimen 16-3 at 7,750-lb load. 
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Figure IS.   Ultimate compressive failure of channel specimen 16-3 at 9,325-lb load. 
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Figure 19, Testing machine load versus head travel for channel specimen 24-1. 
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Figure 20. Cotnpressive post buckling of channel   Figure 21, Compressive post buckling of channel 
specimen 24-1 at 16,450-lb load. specimen 24-1 at 19,100-lb load. 

Figure 22. Ultimate compressive failure of channel   Figure 23. Ultimate compressive failure of channel 
specimen 24-1 at 2 7,6Q04b load. specimen 24-1 at 27,600-lb load. 
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CRACKING IN 3D CARBON-CARBON COMPOSITES DURING 
PROCESSING AND EFFECTS ON PERFORMANCE 

JULIUS JORTNER 
Staff Engineer 
McDonnell Douglas Astronautics Company- 
Huntington Beach,   California 

ABSTRACT 

The microstructure of a three-dimensionally reinforced carbon-carbon 
composite,   such as those being considered for use as reentry vehicle nose- 
tips,   is a complex array of impregnated yarn bundles,  pockets and pads of 
matrix material,   pores,   and cracks.     Detailed study of the unit cells in some 
current materials shows that the crack structure is periodic; that is,   the 
crack locations and orientations in neighboring unit cells are similar.    The 
cracks form a continuous space network within the composite.    A conceptual 
model based on micromechanical reasoning is advanced to explain the forma- 
tion of the observed crack network during the heat treatment cycles to which 
such composites are repeatedly subjected in processing.    Some quantitative 
and qualitative correlations with observed behavior appear to validate the 
general appropriateness of the model.    One prediction is that at the tempera- 
ture of an ablating surface,   the crack structure will have been largely closed 
by differential thermal expansion of the microconstituents.     This prediction 
is supported by photomicrographs of heated samples.    Other examples, 
relating to thermophysical and mechanical behavior,   are also discussed.   The 
intent of the paper is to show that,   for this class of materials,   understanding 
of the fractures that take place during processing can lead to improved capa- 
bility to predict behavior during applications and,  perhaps,   an improved 
ability to design better composites. 

INTRODUCTION 

Graphitic materials are of interest to the aerospace community for use 
as thermal protection in rocket nozzles and reentry vehicles.    As a class, 
such materials exhibit excellent ablation resistance and high-temperature 
thermostructural properties.     Carbon-carbon composites,   comprising a 
carbon (or graphite) matrix reinforced with carbon (or graphite) fibers,   offer 
significant improvements over bulk polycrystalline graphites in terms of 
thermal stress resistance and strength,  with ablation characteristics that are 
similar to those of bulk graphite [l]. 

This paper describes some of the details of the structure of three- 
directionally reinforced (3D) carbon-carbon composites that are being 
developed as candidates for reentry vehicle nosetips.    Some background 
information is briefly reviewed as to the nature of graphite and its formation 
in these composites.    A qualitative model,  based on micromechanical reason- 
ing,   is advanced to explain the formation of many of the microstructural 
features,   with emphasis on the effects of the anisotropic thermal expansivi- 
ties of the constituents during the repeated heat treatment cycles to which 
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such composites are subjected in processing.    From the insight gained, 
some predictions may be made as to the behavior of the composite.     This 
paper shows that actual behavior is in accord with such predictions,  with 
respect to thermal expansion,   shear modulus,   dimensional growth during 
processing,   and closure of microcracks during heating.    The intent of this 
paper is to help motivate quantitative micromechanical analyses of the 
processes used to fabricate carbon-carbon composites in the hope that 
better composites and processes might result from the improved 
understanding. 

BACKGROUND 

MICROSTRUCTURE AND PROCESSING OF 3D CARBON-CARBONS 

The microstructure of a 3D carbon-carbon composite is a complex 
array of impregnated yarn bundles, pockets and pads of matrix material, 
pores, and cracks. The three-dimensional array of reinforcing yarns is 
illustrated in Figure 1 by a schematic of a frequently used "223" style of 
weave. Figure 2 shows some typical views of 223 material that has been 
densified by chemical vapor deposition (CVD) followed by high-pressure 
pitch processing. Figure 3 shows schematically the nature of this densifi- 
cation process. 

WD 269 4 

UNIT CELLOF 
COMPOSITE 
(DIMENSIONS IN INCHES! 

DIRECTION 
YARN 
TYPE 

YARN ENDS 
PERSITE- 

REINFORCEMENT 
VOLUME  FRACTION" 

BULK 
DENSITY 

<9 cc) 

X.Y T 50 2 0 13   

Z T-50 3 0.22   

TOTAL 048 0.80 

•EACH END CONTAINS 1.440 FILAMENTS 
"BASED ON COMPOSITE UNIT CELL DIMENSIONS AND PREPROCESS YARN CROSS-SECTION AREA 

(6.5 X 10 5 IN.2 FOR T-50. PER END) 

Figure 1.  Nominal Weave for 223 Fine-Weave Material 
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Figure 2.  Three Orthogonal Views of the Standard 223 Material (GE Billet 331) 
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Figure 3.   Processing of Standard 223 Carbon-Carbon (General Electric Process) Using CVD and High-Pressure 
Pitch Impregnation 
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Higher magnification views show that many of the yarn-bundle crossing 
areas are infiltrated with matrix material (Figure 4),   and that these matrix 
layers tend to be cracked.    The crack structure tends to be periodic; that is, 
the crack locations in neighboring unit cells are similar,   in terms of being 
on the right of a yarn bundle rather than on the left,   for example.     Other 3D 
carbon-carbons,   with different weaves and process histories,   show similar 
tendencies for one-sided crack patterns.    The matrix pads between yarns at 
crossings coincide with the cracks,   implying that the repeated infiltrations 
of matrix materials have occupied the crack space; the cracks then recur, 
presumably after graphitization (see Discussion).    An idealized representa- 
tion of typical microstructure is shown in Figure 5.    Also shown in Figure 5 
is the continuous nature of the crack space,   a feature which helps explain 
how new infiltrations of matrix precursor can reach the interior of the billet. 

Changes in the details of processing have major effects on the micro- 
structure.    Figure 6 shows views of three materials made from the 223 
weave but densified with low-pressure pitch processing,  with graphitizations 
to the temperatures indicated under each photo.    A schematic of the low- 
pressure process is provided in Figure 7.    It is apparent from Figure 6 
that graphitization temperature has an effect on the crack structures.    Also 
striking is a comparison of Figures 2 and 6,   which shows significant differ- 
ences between low-pressure and high-pressure processing in terms of yarn- 
bundle cross-section shape,   "billowing" of the yarn bundles,   size of pores 
in the matrix pockets,  thickness of the matrix pads between yarns,   and 
width of the cracks running through the matrix pads. 

The transformation of coal-tar pitch to graphite by heat treatment has 
been extensively studied; for example,   see White [2],    It has been found that 
the graphitic structure forms at surprisingly low temperatures (below 600°C) 
while the pyrolyzing pitch is still liquid,   and that the extent and orientation 
of the crystallographically aligned regions are the result of many influences 
including process pressure,   rate of temperature change,  bubble percolation, 
stirring,  the presence of solid surfaces,   etc. 

During the formation period of the initial graphitic structure,   referred 
to as the mesophase,   the pitch loses a significant portion of its initial mass 
in evolved gases.    These gases must either remain within the composite,   or 
find their way out by diffusion,   bubble flow,   or direct escape through open 
passages.    Above 600°C,  the pyrolyzing pitch is solid and loses very little 
mass in further volatilization of gases.     However,  the density (measured by 
fluid infiltration,   so as not to include the volume of pores,   cracks,   etc. ) 
increases from about 1.4 g/cc to about 2.2 g/cc over the heat treatment 
from 600°C to 2, 800°C,   [2],    The decrease in volume of the graphitizing 
matrix is accommodated by the development of shrinkage cracks on a very 
fine scale (microns). 

The crystal structure of graphite is hexagonal (open,   not close-packed) 
with rather weak bonding between the basal planes.     The basal plane is 
referred to as the a-b plane; the c-axis is defined as being normal to the 
basal plane.     The graphite structure leads to considerable anisotropy; 
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Figure 5.  Idealized Structure of Standard 223 Carbon-Carbon Composite 
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Figure 7.   Low-Pressure Pitch Densification (MDAC Process) 

strength,   stiffness and thermal conductivity are several times higher within 
the a-b plane than along the c-axis,   while thermal expansion is several times 
lower.    Reynolds [3] and Hodgson [4] provide useful summaries of such basic 
information. 

High-modulus graphite filaments,   such as make up the Thornel-50 yarn, 
are also highly anisotropic.    The axis of the yarn is aligned with the high- 
stiffness direction; strength and conductivity are high along the filament axis; 
thermal expansion is low along the filament axis and high transverse to the 
axis.    Within a yarn bundle of the finished composite,  the matrix graphite 
can align itself in several basic ways (Figure 8).    Study of the material shown 
in Figure 2 suggests that the matrix alignment is more or less isotropic with 
a tendency towards c-axis axial,  whereas the alignment in the materials of 
Figure 6 is primarily c-axis radial,   as illustrated in Figure 9.     In these 
photographs of etched surfaces,  the edges of the layer a-b planes of the 
graphitic structure are clearly seen.     These differences in graphite orienta- 
tion are expected to influence the thermomechanical situation during process- 
ing via differences in transverse thermal expansions of the yarn bundles and 
other yarn bundle properties. 
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Figure 8.  Some Elementary Possibilities for Graphitic Orientation of CVD Layers and Other Matrices on 
Fibers (Schematic) 

DISCUSSION 

QUALITATIVE MICROMECHANICAL MODEL 

The striking differences in microstructure between composites fabri- 
cated with the low-pressure and the high-pressure processes have been 
previously noted.     Comparison of Figures 2 and 6,  which show composites 
made from nominally the same 223 weave by the same preform fabricator, 
suggests strongly that most of the yarn distortions occur as a result of 
processing. 

Figure 10 presents schematically a sequence of events that might 
occur during processing and result,  mechanistically,   in the sort of micro- 
structure seen in Figure 6.    Review of Figure 10 will show that among the 
key factors affecting the microstructure are the yarn bundle thermal 
expansions  (transverse and axial); the ability of the matrix pockets to trans- 
fer compressive loads from one yarn to its parallel neighbor; the relative 
filament volume fractions in the yarn directions; the creep resistance of the 
yarn bundles; the relative tensile strengths in the transverse direction of the 
yarn bundle and the matrix material in the matrix pads between yarns; the 
number of process cycles  (or graphitizations); and the graphitization 
temperature. 
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SEM photos of etched surfaces.  Approximately 5,000 X 
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The specific microstructural differences observed when comparing a 
high-pressure  (15,000 psi) processed 223 material (Figure 2) to a low- 
pressure  (300 to 1,000 psi) processed 223 material (Figure 6) may be 
explained in terms of the mechanisms outlined and the following differences 
in processing: 

1. Presence of initial CVD in the high-pressure material,  which may- 
strengthen the yarn bundle transversely,  thus reducing gross 
yarn bundle cracks. 

2. The orientation of the pitch-precursor matrix within the yarn 
bundles,   which is a consequence of process pressure or of the 
CVD layer.    The orientation in the 223 material processed at high 
pressure would favor high transverse yarn bundle strength and low 
transverse expansivity in the yarn bundles.    These effects would 
tend to prevent gross yarn cracking and would tend to decrease the 
width of the cracks seen in the matrix pads. 

3. The high process pressure allows containment of the pyrolysis 
gases that evolve while the pitch is still liquid.     This has several 
important consequences: 

A. There is no gross outflow of pitch from the preform during 
pyrolysis,   thus the bubbles generated within a given matrix 
pocket will probably remain within that pocket,   leading to a 
dispersion of small spherical pores rather than the large 
connected pores seen in the low-pressure pitch materials. 

B. The cracks that serve as connecting paths between unit cells 
are less affected by the pyrolysis process,   as the liquid 
layers will not be grossly disturbed by the passage of gas. 

C. The matrix pockets remain essentially filled with a porous 
structure that can transmit at least compressive loads across 
the matrix pockets.     This will tend to suppress much of the 
yarn billowing into the matrix pockets that is seen in the low- 
pressure-process materials. 

4. The more efficient yield of graphite from the high-pressure 
process results in a lesser number of process cycles  (typically 
four or five) than the low-pressure process (typically a dozen). 
Thus,   the matrix pads at the yarn crossing will tend to be 
narrower,   and the cumulative creep effects such as yarn billowing 
and distortion and composite growth will tend to be less. 

The micromechanical model illustrated by Figure 10 does not yet 
include detailed consideration of the events between impregnation and 
graphitization,   although some of the major consequences have been implied 
(for example the formation of void space in the matrix pocket).     The 
carbonization and graphitization events,   such as gas bubble formation; 
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ejection of liquid infiltrants by excess gas,  mesophase formation in the 
pitch; and changes in mass and dimension of the matrix,   are expected to play 
a significant role in determination of microstructure,   especially during the 
early process cycles.     In fact,   it is not clear at this time whether or not 
some of the major cracks,   discussed in Figure 10 in terms of shrinkage 
stresses upon cooling from graphitization,   occur during the shrinkages 
accompanying carbonization.    Nevertheless,   it appears likely that pyrolysis 
cracks will have been closed by differential expansion during the graphitiza- 
tion heat-up cycle.     In any case,  the significant effects of graphitization 
temperature on the microstructures seen in Figure 10 imply that the 
graphitization cycle dominates the crack pattern. 

A consequence of assuming that the cracks occur on cool-down from 
graphitization is that they should close upon reheating.     Direct observation 
of the closing of microstructural cracks as temperature is raised is now 
being attempted.    Initial results to a temperature of 1,900°F are shown in 
Figure 11.    Although the temperature reached is only about one-third of the 
graphitization temperature,   significant changes in crack width are apparent. 

The mechanism of crack closure may be illustrated in terms of the 
sketch of a unit cell in Figure 12a and the following approximate equation 
which relates the temperature-induced change in crack opening width,   g,   to 
the differences in thermal expansion of the yarn bundles in their transverse, 
at,   and axial,  aa,   directions; 

ACT —— = T (a   - a   ) for g « a where a = unit cell width a L a 

A fair approximation to  the   upper   limit of transverse yarn expansion 
of a low-pressure pitch-processed composite might be the c-axis expansion 
of pyrolytic graphite  (approximately 14 x 10"^/°F,   [5]).    The axial expansion 
of the yarn will be less than 0. 1  of that.    The above equation then predicts 
that gaps of up to 0. 002 inch in a unit cell 0. 03-inch wide will be closed by 
the time the composite reaches graphitization temperature (approximately 
5, 000°F).    Another effect,   illustrated in Figure 12b is that differential 
expansion at an originally flat surface might automatically give an initial 
surface roughness of one or more mils. 

Another consequence of the model outlined in Figure 10 is that graphi- 
tization of a partially processed billet may result in dimensional growth. 
The mechanism is related to the fact that the cracks formed on cool-down 
from the previous graphitization have been infiltrated with new matrix 
material.     Thus,   the transverse thermal expansion of the yarn bundles is 
no longer accommodated by crack space closure,  but results in forces that 
cause the yarns to creep axially upon heating.    Such growth is actually 
observed (Figure 13) and,   in accordance with implications of the model,   is 
greater in directions of lesser fiber area fraction.     In some recent process 
runs,   the growth became great enough in the latter stages of densification of 
the composite to offset any gains in density that might have resulted from 
the addition of mass to the matrix. 
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1.900°F 

Figure 11.   Photographs of Polished Surfaces of MDAC Material D at Room and Intermediate Elevated Temperatures 
(Approximately 30X). Note narrowing of most crack features such as those indicated by arrows. Virtually 
complete closure is expected when graphitization temperature is reached. Material D was processed using 
low-pressure pitch processing, 2800°C graphitizations, and a standard 223 preform (Thornel 50 yarns). 
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Figure 12.  Simple Thermal Expansion Model for Unit Cell 
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Figure 13.   Typical Dimensional Changes as a Function of Individual Carbonization and Graphitization Steps 
for Billet with High Yarn Fraction in Z Direction 

SOME IMPLICATIONS REGARDING PERFORMANCE 

The existence and postulated nature of the micro structural crack 
pattern in graphitized 3D carbon-carbon composites has some obvious 
implications with regard to the materials' behavior. 

The thermal expansion of a 3D composite is influenced by the presence 
of the crack pattern.    The crack space allows the yarn bundles to expand 
transversely without exerting force on the orthogonally oriented yarns. 
Thus,  up to the temperature at which the cracks are closed,  the thermal 
expansion of the composite may be expected to equal that of a yarn bundle in 
its axial direction.     Recent measurements (on materials like that shown in 
Figure 6),   summarized in Figure 14,   fully corroborate this inference.    For 
the 3D composite,   the thermal expansion is the same in the Z and X direc- 
tions (in spite of a two-to-one difference in the respective fiber area 
fractions) and is equal to that of a unidirectional composite processed in 
much the same way.    Near 5, 000°F,  the X-direction expansion deviates from 
the Z-direction expansion,   implying that some significant degree of force is 
transmitted across crack faces at higher temperatures. 

It is perhaps of interest to estimate the extent to which conventional 
analysis,  which ignores the existence of open cracks,  would err in predict- 
ing thermal expansion.    To this end,   finite-element calculations were 
recently made (by R.   L.   Miller,  using the SAP IV Code [6]) to predict the 
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thermal strain in a 223 carbon-carbon using the estimated constituent 
properties shown in Table L     In these calculations,   the unit cell was 
modeled with eight elements,  two of the elements representing matrix 

Table I.    Properties Assumed in Calculation 
of Composite Thermal Expansion 

Property- Anisotropie Yarn Bundle Isotropie Matrix 

Young's Moduli 

106 psi 

EAA 
ETT 

36 

0.9 
}             0.7 

Shear Moduli 

106 psi 

GAT 
GTT 

1.2 

0.38 1             0.3 

Poisson's Ratios VAT 
WTT 

0.2 

0.2 0.15 

Thermal Strain 
per 1,000°F 

QA 

°T 

0.001 

0.007 J            0.003 

Subscripts:   A = Axial; T = Transverse 
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pockets and the rest representing portions of yarn bundles.    Intimate contact 
between yarn and matrix and between yarns was assumed.     The results 
predict the X-direction expansion to be 40% higher than in the Z-direction, 
and 60% higher than measured.     Thus,  the need to account for the crack 
structure is apparent. 

Study of Figure 5 suggests that the strength and stiffness of the 3D 
composites,   when loaded mechanically along a direction parallel to a set  of 
yarns,  will be dominated by the properties of that set of yarn bundles 
because the continuity of load path through transversely-oriented yarn 
bundles and matrix material is interrupted by the open crack pattern.     Thus, 
it is not surprising that good linear correlations have been observed between 
tensile strength (and stiffness) and the fiber area fraction in the direction of 
loading.    Shear behavior,   however,   depends upon the transfer of force from 
one set of yarns to another.     Given the crack pattern of Figure 5,  two 
orthogonal sets of yarns communicate mechanically only through load paths 
that are of limited area and somewhat tortuous.    As the temperature is 
raised,   and cracks close to the extent that frictional load transfer can take 
place across them,  the shear stiffness of the composite should increase. 
That such an effect does indeed take place is illustrated by the recent 
measurements of shear modulus shown in Figure 15.    The large increase in 
stiffness of the composite as temperature is increased is tentatively 
attributed to the closure of cracks within the material. 
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CONCLUSIONS 

The processing of orthogonally-reinforced carbon-carbon composites 
produces microstructural cracking which may be a result of the aniso- 
tropic thermal contractions of the yarn bundles upon cooling from the peak 
process temperature.     The temperature dependence of the crack width may 
account for some ot the thermomechanical behavior of the finished com- 
posite.     The details of the crack pattern are dependent on the details of the 
densification process and the thermomechanical nature of the reinforcement 
yarns.    Analytical modeling of the densification process for such carbon- 
carbon composites,   using micromechanical approaches,   would appear to be 
a promising avenue for developing positive approaches to the design and 
processing of improved materials. 
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MICROSTRUCTURAL CHARACTERISTICS OF CRACK 
PROPAGATION AND ANALYTICAL MODELING 

OF CARBON-CARBON COMPOSITES 

J.  S.   EVANGELIDES 
The Aerospace Corporation 

El Segundo,  California 

ABSTRACT 

The use of carbon-carbon composites for thermostructural application 
requires a basic understanding of the microstructural characteristics that 
control properties.    The objective of this effort was to identify those micro- 
structural factors that contribute to failure of carbon-carbon composites and 
to apply these data in developing an analytical model for composite tensile 
behavior.    The experimental approach was to observe crack initiation and 
propagation in unidirectional and multidirectional composites while under 
load in the scanning electron microscope.    The crack propagation studies 
have shown that the crack path was controlled by highly oriented lamina in 
the matrix and that fracturing occurred not at the fiber-matrix interface, 
but within the matrix.    The analytical model satisfactorily predicted experi- 
mental stress-strain curves only when the filaments were assumed bent and 
surrounded by a kinked matrix sheath. 

INTRODUCTION 

The development of advanced carbon-carbon composite systems re- 
quires an understanding of the influence of many composite microstructural 
variables:   filaments,  matrixes,  filament-matrix interactions,  construction 
parameters and processing procedures on composite properties.    The need 
for characterizing microstructure became quite apparent when one attempted 
to explain the differences in stress-strain behavior of composites fabricated 
by various procedures.   In particular, the measured longitudinal tensile mod- 
ulus of unidirectional composites fabricated by low-pressure procedures were 
67 to 8 5% greater than that which would have been predicted by the rule of 
mixtures.    Crack propagation studies were conducted to determine by what 
mode and sequence constituent failures contribute to composite fracture. 
The identification of microstructural parameters that control crack initiation 
and propagation in uni- and multidirectional composites was accomplished 
with miniature notched tensile and double-cantelever wedge specimens.    The 
development and refinement of surface preparation techniques was vital to 
the observation of matrix structure and composite failure modes. 

The analytical tensile model being developed uses the identified micro- 
structural characteristics with micromechanical principles to predict the 
stress-strain behavior of a carbon-carbon composite.    The physical model 
of the composite system consists of three or more phases:  filament, highly 
aligned matrix sheath, and an isotropic bulk matrix.   All model input param- 
eters  were  obtained from experimental measurements   or  observations   in 
order to eliminate the necessity for estimating parameters.    Such a model 
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combined with  the   experimental  proof of validity  can  provide  a  valuable 
means of predicting optimum microstructural features.    Therefore,  the 
model can provide guidance for materials  research and development and 
inputs to structural analyses. 

DISCUSSION 

EXPERIMENTAL PROCEDURES 

Surface preparation techniques were developed to investigate the 
microstructural characteristics of the   carbon-carbon  composites.    The 
matrix structure of interest,   crystallographic orientation of graphite basal 
planes,  and microcracking were enhanced for interpretation by ion etching 
techniques.    Specimens  were  first  metallographically  polished  and then 
etched with xenon [l].    With this technique,  a significant amount of surface 
detail that  would otherwise  have  been  lost was   revealed   (Figure  1).    The 
matrix flow lines that  were  indicative  of graphite  basal  plane   orientation 
and shrinkage cracks were evident only in the scanning electron micrograph 
taken after ion etching.    The structural appearance that was obtained after 
ion etching was not only a function of the degree of crystallographic orienta- 
tion,  but  also  the   angle   at  which the graphite basal planes intersected the 
free surface [2],   Those materials that did not graphitize had a smooth glass - 
like appearance after ion etching (Figure 2a).   When the graphite basal planes 
intersected the surface at a near normal angle,  the etched appearance was 
well defined lamina,  whereas a parallel orientation yielded a flat planar sur- 
face.   Intermediate orientations yielded a "fish scale" appearance (Figure 2b). 

Test specimens for crack propagation  studies   were   selected for con- 
trolled  slow  crack  growth.    Unidirectional  composites   were  tested  in the 
transverse  direction  with  use   of a  notched rectangular specimen bonded 
between steel doublers (Figure 3a), whereas multidirectional composites 
were tested with a miniature double-cantelever wedge specimen (Figure 3b). 
Specimens were polished,   ion etched,  and then loaded in the tensile stage for 
loading in the scanning electron microscope (SEM).   The most detailed micro- 
graphs were obtained at SEM operating voltages of 5 to 7 kV. 

MICROSTRUCTURAL CHARACTERIZATION 

The microstructures of the matrix phase in carbon-carbon composites 
will affect crack propagation modes and failure mechanisms.    Consequently, 
it was of interest to characterize the microstructure of carbon-carbon com- 
posites prior to crack propagation studies.    The matrix structure developed 
was basically dependent on the impregnation and pyrolysis processing pres- 
sure as well as the type of matrix and filament precursor.    The effect of 
pressure was particularly evident between individual filaments of a fiber 
bundle.    One series of composites were fabricated with Thornel 50 yarn, 
both with and without a chemical vapor deposited (CVD) carbon coating and 
with  coal  tar  pitch   (Allied  Chemical 15 V)  matrix  processed  under   low 
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Figure 1  Scanning Electron Micrographs 
of Carbon-Carbon Composite 
in Transverse Direction with 
Effect of Xenon Ion Etching 
Shown,   (a) As polished, 
(b) Ion etched. 
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Figure 2 Scanning Electro Micro- 
graphs of Carbon-Carbon 
Composites with Different 
Matrix Precursors and with 
Range of Etch Structure 
Shown,     (a) SC1008 phenolic 
matrix,    (b) Petroleum 
pitch matrix. 
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ax pressure (<1000 psi) impregnation and pyrolysis procedures.''~   The   second 
series of composites examined was with Thornel 50 yarns fabricated with an 
initial CVD carbon coating followed by high-pressure (15,000 psi) impregna- 
tion and pyrolysis procedures.' 

Low-pressure processing resulted in the matrix structure that sur- 
rounded the filaments becoming highly aligned such that the graphite layer 
planes laid parallel to the filament surface,   as indicated by the etched lamina 
(Figure 4).     This sheath of graphite basal planes was characterized by slight 
curvature or waviness [3],    Progressing away from the filament and sheath, 
the matrix structure became more complex or intertwined and,   as such, 
more isotropic. 

A significantly different pitch microstructure was developed with the 
high-pressure processing.    Within a fiber bundle,  the graphite basal planes 
were no longer completely parallel to the filament surface,  but were more 
randomly oriented (Figure 5).    In addition,   this structure did not have the 
long-range order of the low-pressure composites.    Immediately,   at the 
CVD-pitch interface,   the basal planes were oriented at angles from 0 to 
90 deg with the 0 deg or parallel orientation predominating; for example, 
at locations A and B of Figure 5.    In a region where the interfilament dis- 
tance was less than 2 fj.m,   the basal planes were parallel to the filaments 
(Figure 5 location C).    A combination of transversely oriented graphite and 
parallel alignment at the CVD-pitch interface is shown in Figure 6. 

CRACK PROPAGATION 

The crack propagation studies  were   conducted  on  unidirectional  and 
multidirectional composites fabricated by low-and high-pressure procedures, 
respectively.    Microcrack initiation in the unidirectional composites loaded 
in the transverse direction occurred at the prepared specimen notch (Fig- 
ure 3),   at large pores  (   60 urn diam),   and at those locations where the graph- 
ite basal plane orientation was perpendicular to the tensile axis.     The crack 
propagation path was coincident with the highly oriented basal planes of the 
matrix (Figure 7).    Since the basal plane direction represents the strong 
direction of the graphite crystal,   those planes oriented parallel to the local 
tensile stress were the most difficult to fracture.    Therefore,  as the crack 
propagated through the matrix and encountered unfavorably oriented basal 
planes,  the crack path deviated by as much as 90 deg.    Further specimen 
loading resulted in crack coalescence and multiple fracturing,   as indicated 
by comparing the micrographs in Figure 7. 

In the multidirectional composites,  tensile cracks occurred initially 
between  the  x-bundles   and  the  adjoining bulk matrix pockets   (Figure 8). 

*  
Fabricated by McDonnell Douglas Astronautics Company 

Fabricated by General Electric Company 
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DIRECTION 

Figure 3 Crack Propagation Speci- 
mens for Unidirectional 
and Multidirectional com- 
posites,    (a) Unidirection- 
al transverse tension,   (b) 
Multidirectional wedge. Figure 4 Scanning Electron Micrographs 

of Typical Microstructures of 
Carbon-Carbon Composites 
Fabricated with Low-Pressure 
Procedures 
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CVD 

Figure 5 Scanning Electron Micrographs of Carbon-Carbon Composite 
Processed with High-Pressure Impregnation Procedures 

Figure 6 Scanning Electron Micrograph of 
Matrix Structure Due to High- 
Pressure Impregnation Procedures 
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Figure 7 Scanning Electron Micrographs of Crack 
Propagation and Coalescence in Unidirec 
tional Composite Loaded in Transverse 
Direction,    (a) Initial loading, 
(b) Final loading. 
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Generally,  filament tensile failures occurred at these matrix fractures,  as 
shown in the top portion of Figure 8.    The Thornel 50 fiber used in these 
composites is a two-ply twisted fiber (1.5 twists per in.).    Individual fila- 
ment fractures within a bundle began at the intersection of the twisted plies 
and not at random within the plies  (Figure 9).    Matrix tensile fractures did 
not always occur at filament fracture sites (Figure 10a,  b).    However,  when 
they did occur,  they were parallel to the graphite basal planes  (Figure  10c, 
d).    Generally,  matrix shear failures accompanied filament tensile failures; 
however,   there were examples that indicated filament fracture without any 
matrix failure (Figure lOd).    Matrix shear failures could be advantageous in 
inhibiting continued crack propagation.    Figure 11 shows an area of filament 
and matrix tensile crack that has been temporarily arrested by a matrix 
shear failure adjacent to,  but not at,  the filament matrix interface. 

ANALYTICAL MODELING 

The microstructural and crack propagation studies have provided the 
basis for developing an analytical tensile model.    Through the microstruc- 
tural analyses,  the exceptionally high modulus of composites fabricated by 
various low-pressure impregnation procedures was attributed to the highly 
aligned graphitic planes laying parallel to the filaments.    This sheath was 
characterized by a slight waviness or curvature of the aligned graphitic 
planes (kinks).    Progressing away from the filament and sheath,  the matrix 
phase was found to be more complex or intertwined and,   as such,  more 
isotropic. 

The uniaxial tensile model was developed for a pore-free unidirectional 
composite consisting of a minimum of three phases:   filament, highly aligned 
sheath and bulk matrix.    The constituents were assumed to behave elastically 
with composite strain equaling the strain of each constituent.    It was also 
assumed that once a filament or sheath fractured,   it no longer contributed 
to composite properties.    The load axis was taken parallel to the filament/ 
sheath axis. 

The physical model of the  composite  was   initially  taken  as   having 
straight filaments   with   a kinked  sheath (Figure  12).    Filament properties 
required as input to the model were diameter Df,  tensile Ef and shear Gf 
moduli,  volume fraction V£,  and Weibull distribution parameters.    The 
Weibull distribution was selected to describe the statistical nature of fila- 
ment strengths [4] 
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Figure 8 Scanning Electron Micro- 
graph of Multidirectional 
Composite Wedge 
Specimen 

Figure 9 Scanning Electron Micro- 
graph of Filament Frac- 
tures at Ply Intersection 
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Figure  10 Scanning Electron Micrographs of Filament and 
Matrix Failures 
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MATRIX SHEAR FAILURE 

Figure  11 Scanning Electron Micrograph 
of Filament-Matrix Tensile 
Crack Arrest 
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Figure 12 Composite Tensile Model 
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where 

W = L/L,    = normalized filament length 

L = filament length 

L    = 1.0 in. o 
o    = lower limiting strength below which fracture will not occur 

o    - scale parameter 
o r 

m = parameter describing data scatter 

CT = actual stress on specimen 

Ultimate  tensile strengths of individual Thornel 50 filaments were experi- 
mentally measured at 1.0-in.   guage lengths to obtain the Weibull parameters 
for the model [5], 

The required properties for the matrix sheath included thickness Ts, 
kink radius R,  kink angle 9,   percent of sheath kinked PER,   kink distribution 
function,   graphite single-crystal tensile E^,   and shear G*p moduli,   and 
single-crystal ultimate tensile strength U^S*    The distribution of kink angles 
9 was described by a distribution function of the type cos^9.     The exponent 
N defined the shape of the distribution of kink angles as determined from ex- 
perimental observation.    It is important to emphasize that these are not 
arbitrary parameters,  but were obtained from microstructural characteri- 
zation of the composites. 

Single crystal moduli were taken to be 150.0 and 0.6 X 10" psi for the 
tensile and shear modulus,   respectively [6],    The ultimate strength was taken 
to be less than the 2800 ksi reported in Ref.   6 because of the large number of 
defects that were microscopically observed in the sheath structure. 

The bulk matrix phase was assumed isotropic with a tensile modulus 
Eß of 1.0 X 10" psi and an ultimate strength UxB of 1.0 ksi.    This phase 
contributed very little to the overall composite tensile properties. 

The maximum angle in the distribution of kink angles was limited by 
the distance between curved segments of the sheath and the maximum dis- 
tance between filaments. If the filaments are assumed in a square array, 
this distance was 

DB = Dt[(w-fZ -] <2> 
The distance between curved segments of the sheath for a given radius R and 
angle 9 was 

B  - 2R (1  - cos 9) +. T (3) 
s 
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If this distance was assumed to be equal to or less than half the distance 
between filaments,  the maximum kink angle was 

■M*"'"1!1-^^) W 

Therefore,  the distribution function shown in Figure 12 would be truncated 
at 8^.    The half-distance limit was selected because, between each filament, 
there are two thicknesses of sheath,  and the kink development on each was 
considered independent. 

The portion of sheath with kinks of angle 9j was obtained from the prob- 
ability of having angle 0j,   kink length,   and the percent of the sheath length 
that was kinked.    The probability was obtained from the distribution function 
and was given by 

/ 

9.+A9 .. 
1 cos^e d9 

'9. 
P:   =   —^  (5) 

'   / 
cos    9 do 

All calculations were done for 9j increments of 2 deg (A9).    The length of a 
kink of angle 9^ was given by 

L.  = 4R sin 9. (6) 
l l 

The portion of sheath with kinks of angle 9^ was given by [7] 

S.  = P. L,       *KR  (7) 
l l      l    M 

where M was the integer number of 2-deg increments in 9j^. 

The effective modulus of the sheath was calculated from the contri- 
bution of straight and kinked segments.     Taking the kinked sheath as a 
curved beam,  and using the beam theory under plain strain conditions,  we 
derived the modulus by [8] 

110 



ESB.  = ET sin 8^0.  (Cl) - i (C2) sin 29.] 
-1 

(8) 

where 

Cl4(|+2cos29.  -2cos9.)+i(3+^) 

C2 = 1+1T+«^ 

K = R - T   /ln[(R + T   /2)/(R - T   /2)] s s s 

ESB.  = modulus of kinked sheath containing angle 0. 

at = geometric constant 

= 3/2 for rectangular cross section 

The effective modulus of a sheath with 0. angles,  where i goes from 1 to M, 
was given by 

M 
ET  n   ESB. 

Es = / 
f=i 

(M \   /        M        \ r M  /    r     ,        M -i \"| 

The composite modulus was then calculated from the rule of mixtures 

EC=EfVEs Vs+EBVB (10) 

where Vs is volume fraction of sheath and Vg is volume fraction of bulk 
matrix.    The volume fraction of sheath was calculated from filament diam- 
eter,   sheath thickness,   and filament volume fraction 

Vo  = Ae/Arr s si (ID 

in 



where 

A    = sheath cross-sectional area 
s 2 

a -rr(Dr T    + T   ) 
IS s 

AT a total cross-sectional area 

= Vvf 
Af a filament cross-sectional area 

The maximum stress for a kink of angle 9. occurs at the point of maxi- 
mum curvature and was given by [8] 

l 

ZT    (1  - cos 8.) 

B(2R - T   )  l   +2c0s9i"1 (12) 

where 

a    = stress on sheath due to applied stress o    = — a s a      iL$      a 
R       R+Ts/2 

B = — ln R - T   /2 -  l 

s s 

Sheath failure will occur when aM   is greater than the ultimate strength of 

the single crystal.    For an applied stress cra,  failure will occur in sheaths- 
with kink angles greater than a critical angle 0C.    This angle was derived 
from the above equation by letting <J^    = UTq and solving for 0 

9     = cos c '[ 
vQ + Q - 2T 

2(Q - Ts) 
:] (13] 

where Q is B(2R - Ts),   and y is UTS/crs. 

The probability of failure depends on the probability of having an angle 
equal to or greater than 9C#    This was given by 

/ 

M 
cosN9 d0 

PSF a 

/ 

(14) 
M 

cosN9 d9 
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The probability of filament failure was given by the Weibull distribution 
[Eq.   (1)],   where a was set equal to af (Ef a   /E   ).     The probability of bulk .     /•  .. i a      c 
matrix failure was 

1      CTB 2 UTB 
PBMF = (15) 

0      aB<UTB 

where 

EB 
CTB=—aa c 

Composite failure required that all constituents fail.    The crack pro- 
pagation results would suggest that some independence of constituent failure 
exists.    Therefore,  the probability of composite failure was taken as the 
product of the constituent failure probabilities.    However,  future model re- 
finements will include the more rigorous filament/matrix failure interac- 
tions.    When a filament,   sheath,   or bulk matrix fractured,   the load it was 
carrying was assumed to be evenly redistributed over the remaining ele- 
ments (local stress concentrations assumed small).    Consequently,   the 
stress carried by the remaining elements was continually increasing as 
filaments,   sheaths,   and bulk matrix fractured.    A stress redistribution 
factor was defined for filaments as 

FRr _      TN       _       1 (, 
TN - BF      1  - PFF K     ' 

where TN was total number of filaments,   and BF was the number of frac- 
tured filaments,   TN (PFF).    A similar stress  redistribution factor (SRF) 
was defined for the sheath.    Since it was assumed that a fractured constit- 
uent did not contribute to composite properties,   constituent volume frac- 
tions were reduced as the applied stress was incremented.     Filament and 
sheath volume fractions were recalculated based on the  remaining number 
of filaments or sheaths and the original specimen cross-sectional area. 
Bulk matrix volume fraction was constant until fracture,   at which point it 
was set equal to zero.    By using these new volume fractions,   composite 
modulus was  recalculated after each stress increment.    The stresses applied 
to the remaining filaments and sheaths were then calculated by taking into 
account the change in modulus and the stress redistribution factors,   e.g. , 

o=-=±FRFo (17) 
i      1L, a c 
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These stresses were used to calculate composite failure probability in 5 ksi 
increments.    Composite strain at each stress increment was the quotient of 
stress and composite modulus.    Composite failure was taken as the stress 
at which the total probability of failure was 0.90. 

Analytical predictions of stress-strain curves were made for a com- 
posite described by the input parameters of Table I.    Probability of failure 
as a function of applied stress for several composites having different input 
parameters is shown in Figure  13.    The effect of varying input parameters 
on the resulting composite properties is summarized in Table II.    Because 
of the restriction on the maximum permissible kink angle,  a variation of 
two orders of magnitude in the distribution function exponent (NEX) resulted 
in negligible changes to the stress-strain behavior.   The maximum kink angle 
restriction also resulted in the increase of strength and modulus with an in- 
crease in kink radius R.   This was due to the fact that, with a larger R,  the 
maximum angle permitted was  reduced.    This  reduction in 0 had a much 
greater affect than the increase in R. 

The stress-strain curves for changes in sheath thickness,   single crys- 
tal ultimate strength,  and Weibull parameters (au,  a   ,  and m) are shown in 
Figure 14.    A sheath thickness of 0. 1 urn had only a minor effect on the ten- 
sile behavior of unidirectional composites.    However,   a thickness of 0. 3 urn 
resulted in a 51% increase in modulus,   19% increase in strength,  and 32% 
decrease in strain to failure.   Improvements in composite strength and strain 
to failure were noted for filaments that had strengths with less scatter (larger 
m),   higher minimum strengths (larger a   ),  and higher-scale parameters 
(larger aQ). 

Table I Composite Model Input Parameters for Composite I 

Filament Sheath Bulk Matrix 

D   s 5.5 urn T s = 0. 30 \im EB = 1.0 X 106 

Ef = 60 X 106 psi V s = 0. 14 UTB = 1.0 psi 

Gf = 0.60 X 106 psi R = 10.0 urn VB = 0.26 

Vf = 0.60 PER = 0.20 

CT    = 75. 0 ksi u N = 10 

a    = 259.0 ksi u ET 
= 150 X 106 psi 

m = 2.2 GT = 0.60 X 106 psi 

UTS = 50° ksi 
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Table II Effect of Varying Composite Input Parameters 

Percent Change With Respect to Composite I 

Variable 
Initial Modulus 

0 

Failure Strength 

0 

Strain to Failure 

NEX - 1 0 

NEX = 50 0.2 0.4 0.7 

NEX = 90 0.2 0.8 1.8 

R = 20 2.4 12. 1 10.9 

ST - 0 -33.7 -15.9 21.8 

ST = 0. 1 -29.7 -15.9 18.2 

TS = 1000 0 28.8 27.3 

U 
= 0 0 -17.4 -21. 1 

a 
o - 159 0 -7.6 -7.3 

M = 6.6 0 16.7 20.0 

The stress-strain curve for a composite fabricated by high-pressure 
impregnation procedures was predicted by taking the majority of the matrix 
phase as being isotropic with only a thin 0.01  [urn. sheath thickness,   as was 
suggested from the microstructural characteristics.    As expected,  the pre- 
dicted curve was essentially the same as the one with all bulk matrix (no 
sheath) shown in Figure  14. 

In any composite system,  there is the possibility of having bent or 
curved filaments.    This was modeled by treating the filament and sheath 
separately as a curved beam similar to that which was done for the sheath 
kinks.     The filament/sheath bends were on the order of 100 urn as com- 
pared with 10 urn for the sheath kinks.    The first case considered was one 
of a single-bend radius RB,  angle 0,  and percentage of filament length that 
was bent PERB.    The probability of having a bend was taken as PB.    The 
equations for constituent properties were redefined to account for this prob- 
ability of bent constituents.    The redefinition of volume fractions was 

'f8 fb ss + Vsb + VB = 1.0 (18) 
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where 

Vfs = Vf(l - PB) (1  - PFS) = Af TN(1 - PB) jl  - PFS) (lg) 

where V£s = volume fraction of straight filaments 

Vfb = Vf(PB) (1 - PFB) = A£ TN(PBM1T- PFB) (20) 

where V^ = volume fraction of bent filaments and similarly for Vsg and Vs^. 
The probability of bent PFB and straight PFS filament failure was as de- 
scribed in Eq.   (1) with 

Ef a, = ^— (FRF) a straight filaments      * (21a) 
i      XL a c 

Efh 
a, = -==2- (FRFB) (SCF) a bent filaments (21b) 

i       Ei a c 

where 

FRFB = 
1  - PFB 

2D   (1  - cos 0) 
SCF =  Cf (2RB  - Df)   

+ 2 COS * "  1 

r        RB   ,    /RB + V2 
C
f ='D~f   

|n\RB  - Df/2 

F 
EfbbEf  

^fb      Efbb (1   - PERB) + Ef (PERB) 

The bent filament modulus E^^ was calculated from Eqs. (8) and (9) by sub- 
stituting in the appropriate filament bend properties for a single angle. The 
factor SCF in Eq.   (21b) was similar to that in brackets  in Eq.   (12). 

It was assumed that bends in the sheath occurred in straight sections 
and was not coincident with the kinks.    The equations that describe kinked 
and bent sheath failure were developed as was done for the filaments.     The 
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modulus of a bent and kinked sheath was calculated from Eqs.   (8) and (9) 
with the additional angle 0 of radius RB and portion PERB included.    The 
probability of kinked and bent sheath failure was the sum of that due to the 
kinks,  as described by Eq.   (14),  and that due to the bend 

PSFB = PSF + PSFBB (22) 

where 

1       CTmsb^UTS 
PSFBB = { (23) 

0      a      ,  <Urrc msb TS 

The bent sheath stress a      ,   was calculated from Eq.   (12) by substituting RB 
for R and 0 for 8.. 

r l 

The equations that describe the tensile behavior of a composite with 
some fraction of bent filaments and sheaths are now 

TPCF - (PFS) (PFB) (PSF) (PSFB) (PBMF) (24) 

Ec = (Vfs) Ef + (Vfb) Efb + (Vss) Es + (Vsb) Esb f VB EB (25) 

where strain is the quotient of applied stress and composite modulus. 

Stress-strain curves were predicted for unidirectional composites with 
different bend probabilities (Figure 15).   If all filaments/sheaths were assumed 
bent (PB  = 100%),   the failure stress was   reduced by 29%,   and the strain-to- 
failure by 27% for a sheath thickness of 0.7 fj.m.    For a slightly thicker sheath, 
0.8 urn, the reduction in strain to failure was the same, whereas the strength 
was  reduced by only 11%. 

In order to aid in establishing the validity of this modeling approach, 
experimental stress  strain curves were sought for comparisons.    The carbon- 
carbon unidirectional composites that have been tested and reported have suf- 
fered from some degree of filament-load axis misalignment.    It  has   been 
shown analytically that a misalignment of 1 deg will reduce the strength, 54%, 
and modulus,   10%,  from that of a well-aligned  composite [9].    In  a  study 
where filament misalignment was measured,   a specimen with 1 deg misalign- 
ment had a strength of 40. 3 ksi,   modulus of 55 X 10    psi,   and was essentially 
linear to failure [10],    By  applying  these  strength  and modulus   reduction 
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factors,  a  predicted  stress-strain  curve  was   obtained  for  a PB of 100% 
(Figure 16).    The agreement achieved suggests that refinements to the micro- 
mechanical modeling effort and further microstructural studies to establish 
input parameters are definitely warranted. 

CONCLUSIONS 

The combination of microstructural analyses to characterize composite 
structure and crack propagation modes,  and of micromechanical principles 
to describe the stress and strain within a material can be used to develop a 
physically based composite model.    The analytical tensile model being de- 
veloped can predict the experimental stress-strain curves only when (1) the 
filaments are bent and surrounded by a highly aligned kinked matrix sheath, 
and (2) filament misalignment is considered.    Further analytical modeling 
is being conducted to include off-axis loading and to consider the filament/ 
sheath bend as a curved beam of two materials.    Additional microstructural 
analyses are needed to establish the microstructural input parameters such 
as sheath thickness and criteria for maximum kink angle. 
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EFFECTS OF MANUFACTURING AND IN-SERVICE DEFECTS 
ON COMPOSITE MATERIALS 

RALPH M. VERETTE 

Northrop Corporation 

EDVINS DEMUTS 

Air Force Flight Dynamics Laboratory 

ABSTRACT 

A number of defects likely to be encountered during the manufacture and 
in-service use of graphite/epoxy laminates are examined in this paper.   Defects 
studied include errors in curing, those associated with machining operations, errors 
in assembly, and flaws introduced during service.   The consequences of the various 
defects are examined with regard to the effects they have on static tensile and 
compressive strength as well as on residual tensile and compressive strength 
following spectrum fatigue exposure.   Three multidirectional laminates typical of 
aircraft construction are examined in detail.   The bulk of the tests are conducted 
in a moisture saturated condition.   Guidelines are given as to the severity of flaws 
or defects which can be tolerated with acceptably small strength loss resulting. 

NOMENCLATURE 

2 LT T 
2 LT C 
Laminate 1 = 

Laminate 2 = 

Laminate 3 =    / 0/±45/90] 

2 lifetimes of tension-dominated fatigue (where 1 lifetime = 4000 hours). 
2 lifetimes of compression-dominated fatigue. 
[0/±452/0/±45]s 

[02/±45/02/90/0] 

2s 
RTD 
RTW 

room temperature dry 
room temperature wet, where wet means saturated as obtained by 
continued immersion in 180F deionized water. 

INTRODUCTION 

Static and residual strengths of composite materials have been examined for a 
number of years.   The bulk of the data presently available are for unflawed laminates. 
Some data on notched strengths of composites do exist, but these are usually for the 
case of through-the-thickness slots or holes.   Relatively few papers have been pre- 
sented dealing exclusively with manufacturing or in-service induced defects in compos- 
ites.   These "real-life" defects are characteristically difficult to analyze since they 
frequently are three dimensional in character.   It is important, however, to quantify 
the effects of realistically occurring defects in laminates.   Composites actually pro- 
duced and placed in service will have to withstand those types of defects which can 
occur despite our best efforts to preclude their occurrence. 
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In tracing the various steps which comprise the sequence of events leading from 
a design concept involving composites to a successful, complete fleet experience of 
twenty or more years of service (in the case of fighter, transport or bomber aircraft), 
it is readily apparent that numerous opportunities exist for defects to occur.   The 
defects can be of various kinds.   For example, the design itself can be defective; it 
can specify an inadequate number of plies for strength requirements, inadequate edge 
distances, overlap lengths, etc. for joining requirements, inadequate stiffness for 
aeroelastic or flutter prevention requirements, and so on.   Design deficiencies can 
usually be revealed by in-depth analyses and/or design verification tests.   Having a 
validated design, however, is only a necessary but not a sufficient condition for 
trouble-free performance in service.   Many events can occur which make parts pro- 
duced inferior to those called for in the drawings.   The material used in making com- 
posite parts may be of inferior quality.   Incoming quality control checks can reveal 
cases where an entire roll of prepreg is substandard and hence a rejection is indicated, 
but subtleties such as extreme intra-roll variability can exist, giving rise to situa- 
tions where the incoming quality control requirements are met and substandard mate- 
rial finds its way into composite parts anyway. 

There are several ways in which good prepreg material can be improperly 
stored or handled, thus giving rise to defective composite parts.   One may perform 
incoming quality control and find the material to be satisfactory and, merely as a 
result of exceeding specified shelf life (typically six months at OF for graphite/epoxy) 
prior to layup and cure, one may suffer losses in material properties.   Also, by 
inadvertently exceeding a material's "out time" (time out of the OF environment), 
the prepreg can degrade (a typical "out time" is fourteen days for graphite/epoxy). 
Prepreg used which has been improperly stored can be subject to poor resin flow, 
creating laminates with variable void, resin, and fiber percentages. 

The deficiencies mentioned above can largely be prevented by adequate quality 
control and proper bookkeeping and therefore will not be emphasized in this paper. 
It is possible to start with good prepreg at the time of layup and by improper curing 
produce laminates of inferior quality.   Although this can be minimized by maintaining 
continuous automatically generated autoclave records of temperature and pressure 
versus time, curing errors of this kind can be made and will be examined below. 

After layup and cure, composite parts are machined.   At this time, edge cuts 
are made, contours are formed, bevels and scarfs are introduced, holes are drilled, 
etc.   These operations may be done imperfectly and the consequences of such imper- 
fections are discussed below.   After the various parts are machined, they are com- 
monly brought together and assembled to form a completed unit.   It is possible to 
commit errors in assembling the completed parts which can affect structural charac- 
teristics.   Defects such as edge bruises and poor fastener installation techniques will 
be discussed below. 

Finally, one could perform "flawless" fabrication, but flaws can be introduced 
during normal maintenance and use.   Examples are inadvertent weight drops and 
surface scratches.   These will be the final flaw types to be treated. 

In the balance of this paper the effects of several defects are examined for a 
currently used graphite/epoxy material, AS/3501-5.   The properties investigated are 
the tensile and compressive strengths of unidirectional and multidirectional laminates. 
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Tensile strengths are determined using straight-sided, tab-ended coupons.   Compres- 
sion strengths are determined using compression test fixtures similar to the one shown 
in Figure 1, unless otherwise noted.   These fixtures are used in conjunction with 
straight-sided, untabbed compression coupons. 

The majority of the data contained in this paper are for laminates which were 
previously moisture conditioned by continuous immersion in 180F deionized water 
until saturation, as evidenced by a condition of no further weight gain, was attained. 
This step was taken to incorporate into the data the moisture effects which would 
naturally occur over a 20 year (or greater) service life.   A typical weight gain curve 
is shown in Figure 2. 
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Three 16-ply midplane symmetric multidirectional laminates typical of aircraft 
construction are examined in detail in this paper.   They are: (1) a laminate containing 
25$ 0° plies and 75% ± 45° plies; (2) a laminate consisting of 62-1/2% 0° plies, 
12-1/2% 90° plies, and 25$ ± 45° plies; and (3) a /7/4 laminate, consisting of equal 
percentages of 0°, 90°, +45° and -45° plies.   In the subsequent portions of this paper 
these laminates will be referred to as laminates 1, 2, and 3, respectively.   In general, 
all data presented are averages of at least three individual test results, except where 
specifically noted to the contrary. 

The spectrum utilized in this paper is derived from that applicable to the F-5E 
wing root location.   The F-5E has an assumed mission mix of 85$ air-to-air usage 
and 15$ air-to-ground.   Both tension and compression dominated fatigue spectra are 
employed.   A tension-dominated spectrum is typified by that experienced by lower 
wing skins.   It contains predominantly tension loads although some small infrequently 
occurring compression loads are present.   The compression dominated spectrum is 
very nearly a mirror image of the tension dominated spectrum.    Scaling is such that 
the maximum spectrum load is adjusted to the lower of (1) the load which will produce 
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the B-basis matrix failure strain in any ply or (2) the load which will produce 83r# of 
the B-basis fiber failure strain in any ply. 

PROCESSING DEFECTS 

UNIFORMLY HIGH VOIDS 

To study the effects of committing processing errors on composites, two con- 
ditions were examined.   In one series of tests, a standard cure cycle for AS/3501-5 
graphite/epoxy, consisting of a single stage cure involving 30 minutes at 350F and 
100 psi, was perturbed.   The standard cure cycle provides laminates having voids 
typically well under 1%.   The perturbations involved keeping the times and tempera- 
tures the same as in the standard cure, but decreasing the maximum pressure from 
100 psi to 50 psi in one case (laminate 3 only) and to 30 psi in another case (all three 
laminates).   The laminates produced using the reduced pressures contained more 
voids, typically 2% for the 50 psi case and from 7% to 8%. for the 30 psi case.   The 
voids were uniformly distributed throughout the laminate thickness and throughout 
the laminate planform.   The "undercured" laminates were 8% (50 psi) and 14% (30 psi) 
thicker than the standard cure laminates.   Also they showed evidence of porosity along 
the machined edges and appeared dry on the laminate top surfaces. 

Figure 3 shows the influence of these "undercures" on the room temperature 
wet (RTW) tensile and compressive strengths of the three multidirectional laminates 
discussed above.   The wet condition is achieved, as discussed above, by accelerated 
moisture conditioning.   In general, Figure 3 shows that (1) compressive strengths are 
more severely reduced by low pressure cures (i.e., voids) than are tensile strengths; 
(2) the 50 psi pressure cure laminates (2% voids) are nearly equivalent to the 100 psi 
cure laminates (^0.5% voids) in strength; (3) laminates containing l-8°/( voids are 
generally weaker statically than are void-free laminates, and spectrum fatigue corre- 
sponding to a typical fighter appears to reduce the residual compressive strengths of 
the high void content laminates more than the "void-free" laminates.   In reviewing the 
data presented in Figure 3 and throughout this paper, values very close to 100% (±5%) 
are considered to be due to data scatter rather than to any real phenomenological effect. 

Figure 4 shows the influence of uniformly high voids on 265F wet*   compression 
strength for  [o]^g unidirectional laminates tested in the fixture of Figure 1.   Heating 
was provided by quartz lamp heaters which heated the fixture directly and heated the 
specimens by conduction through the fixture.   A uniform state of temperature was 
achieved throughout the test specimen.   Dwell time at temperature was 10 minutes. 
The void content, 6.7%, was achieved by using the standard cure cycle except that the 
maximum pressure used was 30 psi instead of 100 psi.   Note that uniformly distributed 
voids up to 6.7% do not affect the average value of longitudinal compression strength 
although data scatter increased. 

*In this case, "wet" was 30 days immersion in 180F water. 
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NONUNIFORMLY DISTRIBUTED VOIDS 

A rare case of processing and incoming material quality-induced error can 
result in nonuniformly distributed voids (through-the-thickness) in composite lami- 
nates.   On a current research program, one panel out of many hundreds which have 
been produced had the nonuniform distribution of voids through-the-thickness shown 
in the photomicrograph of Figure 5.   This panel had an average void content, as de- 
terznined by acid digestion samples taken at several locations around the panel, of 
aboui The in-plane void content variation was very slight, but the through-the- 
thickness nonuniformity was extreme, as shown in Figure 5.   It appears that a com- 
bination of three factors may have produced this panel:   (1) a low quality region of an 
otherwise acceptable roll of prepreg, (2) poor layup technique resulting in entrapped 
air bubbles, and (3) improper synchronization of pressure and temperature application 
during cure.   Results for this panel are compared to void-free (less than 0.59t voids) 
results for the case of longitudinal compression in Figure 6.   Note that mild strength 
reduction occurs because of the presence of the nonuniform voids except for the 265W 
condition.     Here, the specimens with the nonuniform voids exhibit strengths less than 
25% of their "void-free" counterparts.   The 265W results of Figure 6 are in marked 
contrast with the uniformly distributed voids results of Figure 4. 
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MACHINING DEFECTS 

When cured graphite/epoxy laminates are machined, several defect types can 
be introduced.   In this paper, two such defects, delaminations at holes and oversized 
holes are discussed. 

DELAMINATIONS AT HOLES 

In drilling fastener holes, a defect type which has been observed is the case of a 
delamination at the exit side of the drilled hole, typically several plies into the lami- 
nate.   This defect can result because of improper drill speed, improper feed of the 
part to the drill, or improper backing of the composite part.   A series of tests was 
conducted simulating delaminations by using embedded teflon disks between the second 
and third plies, counting from the non-countersunk side, of specimens similar to 
those shown in Figure 7.   Note that the specimens contained two countersunk fastener 
holes, one being a normal hole and one containing a simulated delamination.   Test 
results showing the influence of the simulated delamination on the static and residual 
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strengths of specimens are given in Figure 8.   These data are for the case of filled 
(i.e., fasteners installed but unloaded) holes.   This figure contains information for 
three different types of hole configurations.   One type, unreinforced holes, is the case 
where holes are drilled into laminates containing no special features in the hole region 
to accommodate the holes.   Another type, reinforced holes, is the case where laminates 
contain buildups of interleaved plies at the hole location.   The buildup produces lami- 
nates twice as thick at the hole as in the basic laminate.   The ply stacking order is 
preserved exactly the same, ply-for-ply, in the reinforced area as in the basic lami- 
nate.   Further, the buildup occurs in such a way as to produce one smooth surface and 
the other with a "bulge. *'   The last hole configuration studied was the case of softened 
holes, where the 0° graphite plies in the hole region are replaced by unidirectional E 
glass/epoxy.   In the softened case the ply stacking order was revised slightly to put 
45° plies on the outer surfaces.   The static results show that the delamination at a hole 
defect is more detrimental in compression than in tension.   The residual strength re- 
sults show that the application of fatigue does not appear to materially increase the 
effect of the delamination as compared to the static results. 

OVERSIZE HOLES 

Another machining error which can be made is the case where holes are drilled 
too large (larger than called for in the design drawings).   This creates an excessively 
loose fit and may be detrimental to strength.   To examine this effect, static and fatigue 

conducted using specimens containing two holes as shown in Figure 7 where 
one hole was sized properly and one hole had a fastener/hole clearance five times as 
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large as the standard clearance.   The specimens were tested using the fixture of 
Figure 9 in which 25% of the load is taken out at the two fasteners.   The photo of 
Figure 9 shows a single loaded fastener.   The specimens of Figure 7 were tested 
using another loading beam which permits two fasteners to be loaded.   Figure 10 
shows test results for the unreinforced, reinforced and softened cases as discussed 
previously.   The presence of an oversized hole has a negligible effect on the static 
strength of specimens as shown in Figure 10.   Also, as indicated, the residual loaded 
hole tensile strength is not reduced for a softened specimen compared to the static 
loaded hole tensile strength.   To examine the consequences of a specimen where 100% 
of the load is taken in bearing, several reinforced specimens were tested containing 
one oversize and one standard size hole.   The results again show no sensitivity to the 
oversized hole as shown in Figure 10. 

ASSEMBLY DEFECTS 

Two defects which can arise during assembly of composite parts are treated in 
this paper.   They are overtorqued fasteners and edge delaminations and are discussed 
below. 
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Normal installation procedures for fastening 16-ply graphite/epoxy skins to 
substructures using 3/16-inch fasteners call for fastener/nut tightening using up to 
25 inch pounds of torque.   To investigate the possible detrimental effect of over- 
torquing the fasteners, a series of tests was performed on moisture preconditioned 
specimens similar to those shown in Figure 7.   In the tests, one fastener was torqued 
to the "standard" 25 inch pound value while the other was torqued to 70 inch pounds, 
a value selected by trial as being slightly above the onset of noticeable fastener head 
dimpling, or to a value of torque at which pull through of 0.005 inch was experienced, 
whichever occurred first.   Results of the tests are given in Figure 11.   Notice that 
unreinforced static strengths are degraded more than reinforced or softened static 
strengths because of the overtorquing.   Fatigue exposure seems to increase the sen- 
sitivity of the laminates to the presence of an overtorqued fastener. 

EDGE DE LAMINATIONS 

In handling composite parts prior to or during final assembly, the possibility 
exists that part edges may be bumped or bruised.   To assess the influence of edge 
delaminations, specimens similar to those shown in Figure 12 were tested.   These 
specimens are two inches wide and contain simulated delaminations along one edge. 
Edge delaminations were simulated by embedding semicircular teflon disks at the 
laminate quarter thicknesses.   Two radii, 0.3 inch and O.G inch were used.   The re- 
sulting RTW strengths are shown in Figure 13.   The edge delaminations affect static 

131 



Q 
z 
UJ 

DC 

CO 
Z 
LU 

F 

HOLES UNLOADED HOLES LOADED 

% 
120 

100 

STATIC RESID RESIDUAL 

2 LT T 2 LT T 

80 — 

60 — 
U R S S S 

4C 

20 - 

0 

LAMINATE* 1     1 

% 
120 

I 
h 
g   100  
UJ 
DC 

co 
UJ 
> 
CO 
to 
uj     40  — 

80   - 

60 - 

O o 
20 

HOLES UNLOADED 

STATIC 

LAMINATE 
1      1 

RESID 

2 LT C 

• DEFINED IN NOMENCLATURE SECTION 

U = UNREINFORCED   R = REINFORCED   S = SOFTENED 

•• TWO SPECIMENS FAILED IN FATIGUE 

FIGURE 11.  EFFECT OF OVERTORQUED FASTENERS ON RTW STRENGTH 
(VALUES QUOTED IN % OF UNFLAWED STRENGTH) 

FIGURE 12.  EDGE 
DELAMINATION 

SPECIMENS 

IS13-2 LAM ? 

IS1-1 LAM 1 

IS5-2 LAM 2 

compressive strengths more than static tensile strengths.   Also, large delaminations 
are more detrimental than small delaminations.   The tensile fatigue exposure appears 
to enhance the residual tensile strength, but the compressive fatigue exposure often 
failed specimens during fatigue as noted in Figure 13. 

IN-SERVICE DEFECTS 

Two types of in-service defects — surface scratches and foreign object damage - 
are examined.   They are discussed separately below. 
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SURFACE SCRATCHES 

In the course of maintenance and aircraft use, occasions arise in which exposed 
graphite/epoxy surfaces are inadvertently scratched by tools or other objects.   To 
study this effect, a series of tests was run on specimens containing V-notch scratches 
of various lengths and depths.   The specimens were two inches wide and the scratch 
lengths were one-half inch and one inch oriented normally to the applied uniaxial load. 
Typical scratches are shown in Figure 14.   Results are shown in Figures 15 and 16. 
The tensile results were obtained using two inch wide specimens similar to those 
shown in Figure 17.   As can be seen by examining Figures 15 and 16, scratches are 
detrimental in tension, particularly if they are deep or located along a specimen edge. 
It should be noted that the specimens tested all had 0° plies cut as shown in Figure 14; 
no attempt was made to "bury" the 0° plies, and thereby cut only the less critical load 
carrying plies. 

The compression results appear to be less severely affected than the tensile 
results due to the presence of the scratch.   A typical surface scratch compression 
specimen is shown in Figure 18.   This two inch wide specimen is used in conjunction 
with a stabilization fixture similar to the one shown in Figure 1.   The fixture pre- 
cludes significant out-of-plane motion of the specimen.   To get a feel for the influence 
of test specimen geometry on the sensitivity to surface scratches, several two inch 
wide sandwich beams containing central scratches were tested.   These specimens 
displayed more out-of-plane motion at failure as shown in Figure 19, and the lack of 
lateral constraint is thought to be the reason why this specimen shows more sensitivity 
to scratches than the compression coupon (See Figure 15 for comparison). 

FOREIGN OBJECT DAMAGE 

To study the effect of Foreign Object Damage (F.O.D.) on laminate strength, a 
series of tests was conducted on two inch wide specimens.   Two impact energy levels 
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were defined:   energy level 1 is the amount of energy required to cause incipient back 
face fiber failure while the impacted face, although indented, has no fiber failure; 
energy level 2 is at the threshold of causing front face fiber failure (it causes substan- 
tial back face damage).   A spherical indenter was used on specimens resting on a ring 
support and the energy levels were determined independently for each laminate.   The 
results are shown in Figure 20.   Notice that severely reduced strengths are observed, 
both for the higher energy level and the level which was just barely visible on the non- 
impacted face and virtually non-detectable (by visual examination) on the impacted face 
(energy level 1). 
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CONCLUSIONS 

Data presented in this paper suggest that certain of the flaws investigated are 
more detrimental than others.   At the coupon level, uniformly distributed voids, edge 
delaminations, oversized holes and overtorqued fasteners were not found to be partic- 
ularly detrimental.   Scratches, foreign object damage, and nonuniformly distributed 
voids were found to significantly reduce "unflawed" strengths.   Most flaws resulted in 
static strength reductions with little or no further reduction in residual strength after 
the specific spectrum fatigue exposure.   It was found that certain flaw types are more 
detrimental in tension than compression (e.g., scratches).   The reason appears to be 
that these flaws can tolerate compression loading by something like a crack closing 
mechanism.   Other flaws (e.g., delaminations) appear to be more critical in com- 
pression.   The local decrease in bending stiffness at a delamination is the probable 
cause of compression strength loss. 

RECOMMENDATIONS 

It is suggested that the results obtained here be checked for more complex 
loading situations (e.g., biaxial loading, shear, etc.).   Also analytical methodology 
should be developed so that coupon results can be extrapolated to components.   Test 
data are needed on more complex assemblies where fitup, load paths, etc., are more 
intricate than at the coupon level.   Having earmarked "critical flaw types," NDE 
methods should be perfected to provide assurance that all flaws of a given type above 
a certain critical size can be detected. 
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ABSTRACT 

Special layup concepts have been developed in order to meet damage 
tolerant objectives in fiber composite structure. Two concepts discussed 
are "softening strip" and "low-modulus skin" designs. Each of these concepts 
takes advantage of the versatility of fiber composite materials by using a 
mix of layups and/or material to provide low-stress/high-toughness regions 
for crack arrest. The test data presented illustrates the potential advan- 
tages of these concepts, and the influence of material combinations on 
failure modes and damage tolerance capability. 

INTRODUCTION 

Combat statistics show that a significant percentage of combat aircraft 
losses were caused by structure-related failures. To counter this, new 
aircraft procurements are requesting higher levels of survivability, 
including stringent operational requirements after damage from high-explosive 
threats. This increased emphasis on survivability, and the development of 
fiber composites for primary structure, highlights the need for survivable 
composite structural concepts. 

In order to meet battle damage tolerant design objectives, several 
structural design concepts are being studied. Two of these are "softening 
strip" and "low-modulus skin" designs. 

Softening strip panels rely on discrete low-stress regions in the 
panel to arrest a propagating crack. The softening strips are produced 
during layup by substituting a low-stiffness material, such as +45 laminate 
or fiberglass, for high stiffness 0° fibers contained in the basic skin. 

In the low modulus skin concept, most of the uniaxial load is carried 
by discrete stiffening elements. The basic skin is a low axial modulus 
layup (+45°, for example) designed to react shear and internal pressure load- 
ings.  In this manner, the skin can be tailored to have a high allowable axial 
strain even when damaged. 

Several completed and current research programs at Boeing address the 
development of these concepts for battle damage tolerance. These include 
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development of low modulus skin concepts (1), Boeing in-house studies, and 
a current program for developing battle damage tolerant wing structure (2). 

FRACTURE RESPONSE OF SIMPLE LAMINATES 

Several research programs (3-7) have been sponsored by industry and 
government to establish the battle damage tolerance of fiber composite 
structure. These programs developed data on damage characteristics due to 
ballistic impact and fracture reponse in the presence of ballistic damage. 
Boeing used this available data to develop analysis models for damage and 
residual strength of damaged graphite and boron laminates. These models 
were included in the Design Handbook for Survivable Combat Aircraft Structure 
(6). 

The results showed that the effective ballistic damage size is directly 
related to the projected size of the projectile in the plane of the laminate 
as illustrated in Figure 1. The additive constant of 0.2-inches shown in the 
figure is an average value for residual strength correlation found from 
available test data. 

The second step in the development of the analysis models was to relate 
the fracture stress to the damage size. The relationship given by fracture 
mechanics, wherein the failure stress is proportional to the damage size to 
the 1/2 power, was assumed for this purpose. Figure 2 shows a reduction of 
the available data compared with this damage size-fracture stress relation- 
ship. As implied by Figure 2, normalizing the data to the undamaged strength 
(Ftu) consolidates the majority of layups and materials onto this single line 
with slope of minus one-half. The data used in this development consisted 
of the 0°, +45°, and 90° layup family. 

Carrying the analysis of the data one step further, all of the avail- 
able data was used to develop an allowable fracture response line. This 
was performed by computing the .95 confidence, .90 probability value using 
normal population parameters. This is analogous to "B" value allowables 
used in aerospace structural design. A line representing this allowable is 
also presented in Figure 2 for comparison. 

Combining the models for damage and fracture and using the allowable 
(0.95 confidence, 0.9 probability) fracture stress line gives the potential 
structural strength degradations shown in Figure 3. As indicated, the 
potential strength loss due to an impact from a single small caliber projec- 
tile can be severe. 

Because of the versatility of composite materials, simple panel response 
data is not sufficient. This was illustrated by Boeing studies (7) where 
comparisons between metallic and composite structure were made. It was 
pointed out that aircraft structural response can be much different than 
simple panel response because of fracture containment design. Composite 
materials, because of their versatility in layup, have the potential to be 
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configured in a structural design having superior battle damage tolerance. 
It is for this purpose that the current studies were directed. 

SOFTENING STRIP DESIGN CONCEPTS 

Initial studies of softening strip design concepts were presented by 
Eisenmann (8) in boron/epoxy laminates. His approach was to substitute +45 
material for the 0° and 90° fiber material at discrete locations, producing 
a low-stiffness (softening) strip in the laminate as illustrated in Figure 4. 
The regions of low stress can arrest a propagating crack. The panel retains 
full shear capability and, if the 90° plies are retained, has full transverse 
strength. The loss of axial strength depends on the relative widths of the 
softening strips and the basic layup. 

As an illustration of the effect of softening strips on stress distri- 
bution, the results of a finite element analysis of a cracked panel are 
shown in Figure 5. A (02/+45/90) HTS graphite/epoxy panel was analyzed. 
The softening strips were formed by replacing the (O2) graphite with (O2) 
S-glass.  In this coarse grid example shown to illustrate the trends, the 
mesh size ranged down to 0.1-inch around the crack tip. The analysis used 
an orthotropic constant strain element with properties reflecting the layup 
and materials. 

Stress distributions are shown for panels with and without softening 
strips. The values of the peak stresses depend on the mesh size and are 
only approximate, but the relative stress distributions reflect actual 
behavior. There is a significant drop in the peak stress near the crack tip 
in the softening strip panel. This is illustrated by the stress distribu- 
tion at a plane 0.1-inch away from the crack, selected to minimize the errors 
near the crack tip singularity. The remote stress field, shown to be 
approached when Y = 4.0 in., illustrates the effect of the softening strip 
on the uncracked panel stresses. 

Consideration of the stress distribution near the crack in the 
softening strip panels shows a secondary stress peak adjacent to the strip. 
The width of the softening strip must be sufficient to maintain the magni- 
tude of this secondary peak below the level that will initiate failure in 
the base laminate beyond the softening strip. 

Several panels were constructed and tested in tension as shown in 
Figure 6 to evaluate the damage containment capability of softening strip 
concepts. Initial damage was simulated by a 2-inch long central saw-cut. 
In order to measure crack growth during loading, a crack opening displace- 
ment gage was placed across the center of the crack with the output recorded 
on a load versus displacement plot. This instrumentation accurately indi- 
cated the load at crack propagation. 

Two softening strip concepts were tested. In one concept, the (02) 
graphite was replaced with (+45) graphite in the softening strip. In the 
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Figure 6. Damage tolerant panel test setup. 
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other concept, the (O2) graphite was replaced with (O2) E-glass. The 
(+45) and (90) plies in the basic lamiante were continuous across the panels. 

A comparison of the two softening strip concepts with basic laminate 
fracture results is presented in Figure 7. The open symbols indicate the 
damage size and stress at initial crack propagation and the solid symbols 
indicate panel separation. The stress at crack propagation was correlated 
to the fracture toughness of the basic laminate, as found from separate 
basic laminate fracture tests. The test data from the base laminate fracture 
tests are shown as solid dots in the figure. The smooth curve through these 
data extrapolated to the larger damage sizes reflects the analysis 
method presented previously in Figure 2. Both softening strip concepts 
arrested the crack, but the final failure loads for the E-glass softening 
strip panel was significantly higher than in the +45 softening strip panel. 

Figures 8 and 9 are photographs of the two panels, and a difference in 
fracture appearance can be seen. In the E-glass concept, there is signi- 
ficant fiber pull-out and crack branching, indicating higher toughness than 
shown by the +45 concept. 

In current studies (2), a fracture comparison between graphite/glass 
hybrids and graphite laminates has been performed. The results, shown in 
Figure 10, demonstrate why the glass substitution in the softening strip 
was a superior design.  In Figure 10, the critical strain (gross area) in a 
test panel containing a central slit is shown to be a function of the percent 
S-glass. The results show an increase in critical strain levels for (±45) 
graphite over quasi-isotropic graphite, and even greater critical strain 
levels for (+45) graphite/(0) glass hybrids. 

The results of another hybrid composite softening strip concept are 
shown in Figure 11. The test data is from a boron/graphite panel that had 
an all-graphite softening strip. As shown in the figure, crack arrest was 
achieved, resulting in a significant increase in panel failure stress. 
Figure 12 is a photograph of the failed test panel. 

The use of softening strips in a damage tolerant structural wing 
design was explored by Boeing (9). In this study, a wing box conceptual 
design was developed using graphite/epoxy skin with regularly spaced S-glass 
softening strips. The softening strips provided both crack arrest capability 
and low stress regions for fastening. By using the softening strips for a 
double purpose, the weight penalty associated with providing damage tolerance 
was minimized. 

LOW MODULUS SKIN DESIGN CONCEPTS 

Boeing has studied (1 and 2) an alternate method of designing composite 
structure for damage tolerance. This method is referred to here as the 
low-modulus skin concept, wherein the primary axial loads are carried by 
discrete, high-modulus stiffening elements such as straps or spar chords. The 

144 



40r- 

30 

LU 

o 
o 

20 

10 

- 10.5" 
3.0" 

HTS /5208 GRAPHITE EPOXY 

[02/±45/90]LAYUP 

p       PANELS WITHOUT 
SOFTING STRIPS 

4 ■ PANELS WITH 
SOFTING STRIPS 

0.75" SOFTENING STRIP WIDTH 

INITIAL 
PROPAGATION 

O— E - GLASS 
IN SOFTENING STRIP 

A— ±45 HTS 
IN SOFTENING STRIP 

CRACK ARREST 

-L _i_ _L 
1.0 2.0 3.0 

DAMAGE SIZE , INCHES 
4.0 

Figure 7. Comparison of base laminate and 

softening strip fracture stress. 

145 



Figure 8. Fractured E-glass substitution softening strip panel. 

Figure 9. Fractured ±45° substitution softening strip panel. 
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Figure 12. Fractured boron/ 
graphite hybrid softening 
strip panel. 
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skin is sized to meet torsional and internal pressure requirements and is 
constructed of materials and layups that provide a high elongation prior to 
fracture. Figure 13 is a schematic diagram of a wing-box design using low 
modulus skins. 

As a demonstration of this method, tests were performed to compare 
with the softening strip results described above. The same overall panel 
configuration was used. However, instead of a softening strip laminate, 
external (0) straps were bonded to a (+45/90) skin. The number of 0° fibers 
in the straps was nearly equal to those distributed in the softening strip 
panels so the undamaged strength would be equivalent. 

An example of the test results is presented in Figure 14. The line 
and solid dots are the same baseline fracture data presented in Figure 7 
for (02/+45/90) panel. The squares indicate the results found for the 
low-modulus skin panel. As shown, the stress at crack propagation is 
considerably above the basic laminate fracture response. This is consistent 
with the comparison of strain at crack run shown for (±45) laminates and 
laminates containing 0° fiber shown in Figure 10.  In addition, the crack 
was arrested at the straps and carried still greater loading prior to 
failure. A photograph of a failed low-modulus skin panel is shown in 
Figure 15. 

Further improvements in the fracture resistance of this concept can be 
realized by adding glass fiber to the skin laminates, as demonstrated by 
the data in Figure 10. 

CONCLUSIONS 

Two design approaches for providing damage tolerance in composite 
structures are discussed. Both concepts provide crack containment capability 
and can be used in the design of tension panels. In both concepts, the use 
of hybrid laminates can be used to advantage to increase the damage tolerant 
capability. 
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Figure 15. Fractured graphite low- 
modulus skin panel. 
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ABSTRACT 

The U. S. Army Air Mobility Research and Development Laboratory (USAAMRDL) 
is supporting a program to develop an improved rotor hub constructed from 
composite materials.  The purpose of the program is to develop practical new 
structural concepts that will exploit the theoretical potentials of composite 
materials to provide a broad spectrum of improvement in cost, weight, fail- 
safety, radar detectability, vulnerability, reliability, and maintainability. 
It is believed that helicopters of all weight classes can benefit from com- 
posite hubs; however, the need is greatest for large helicopters, where the 
large size of conventional hubs approaches the limits of forging feasibility. 
Accordingly, the USAAMRDL has selected the CH-54B rotor hub as the baseline 
for the design.  This paper reviews the composite hub structure, describing: 
the rationale for its configuration, the analysis of its structural integrity, 
the testing completed to date, and the characteristics of its performance. 

INTRODUCTION 

The Army's efforts to reduce helicopter costs and to exploit the poten- 
tial benefits of structures made from composite materials have lead to the 
search for an improved composite rotor hub.  Composite rotor hubs appear to 
offer improvements in the following characteristics in comparison to conven- 
tional metal rotor hubs:  cost, weight, fail-safety, detectability, vulner- 
ability, reliability, and maintainability. 

The trend toward high rotor hub costs and weights for large helicopters, 
shown in Table I, was the impetus for the R&D effort discussed in this paper. 
Recently the trend in metal rotor hub materials has been toward titanium 
alloys which provide a high strength-to-weight ratio and good corrosion 
resistance.  Although lighter than their steel counterparts, titanium alloy 
hubs are more costly.  Conventional metal hubs are machined from large 
forgings, and they are plagued by high machining waste.  For example, the 
CH-47C hub was machined in 77 operations from a 790 lb 4340-steel forging 
with over 80% machining waste.  Composite materials offer the opportunity to 
avoid such losses. 
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TABLE I.  WEIGHT AND COST OF ROTOR HUBS FOR LARGE HELICOPTERS 

CH-46F CH-47C CH-54B HLH 

Number of Main Rotors 
Hub Material 
Design Gross Weight, lbs 
Empty Weight, lbs 
Hub Weight, Housing, lbs 
Hub Weight, Assembly, lbs 
Hub Cost, Housing, $1000s 
Hub Cost, Assembly, $1000s 

2 2 1 2 
Steel Steel Titanium Titanium 
21519 33000 47000 118000 
13435 20085 19685 64878 

100 225 345 1847 
1002 1496 1799 7034 

8. 4 20. 2 34. 0 112.1 
109. 9 102. 4 144. 6 511.2 

NOTES: 

2. 

3. 

4. 

5. 

Costs for the CH-46F, CH-47C and CH-54B were developed from the 
price last paid for the particular item adjusted to the value of 
1976 dollars.  The HLH costs are estimates based upon HLH prototype 
aircraft experience adjusted to 1976 dollars.  The CH-46F, CH-47C, 
and the CH-54B costs are for the 600th hub; and the HLH costs, for 
the 250th hub. 
Weights are actual measured values taken from weight and balance 
reports for each aircraft. 
Weights and costs for the tandem rotor helicopter are for one 
ship set. 
The rotor hub housing is defined as the finish machined hub 
forgings alone. 
The rotor hub assembly includes all rotor head components between 
the rotor blade root end fittings and the rotor shaft, except for 
blade folding hardware. 

Although it is believed that helicopters of all weight classes can bene- 
fit from composite rotor hubs, the need is greatest for large helicopters, 
where the conventional hub size approaches the limits of forging feasibility. 
Because the improvements should be greatest for the larger helicopters, the 
CH-54B rotor hub was selected as the baseline for the composite rotor hub 
design effort.  The CH-54B is a heavy lift helicopter which has a single main 
rotor with six articulated rotor blades.  Its titanium alloy main rotor hub 
is five-feet-wide and one-foot-high.  The hub is subjected to steady and 
vibratory loads in several directions.  The following partial list of its 
design loads provides a measure of its strength: 

Centrifugal force 
Lift 
Torque 
Head moment 
Head moment 

82 tons (ultimate) from each of 6 blades 
64 tons (ultimate) 

142 foot-tons (ultimate) 
94 foot-tons (ultimate) 

+ 33 foot-tons (fatigue) for millions of cycles 

The existing production hub has two structural elements:  an upper hub 
and a lower plate, as shown in Figure 1.  The upper hub consists of six can- 
tilevered beams that radiate from a hollow central cylinder.  The lower 
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UPPER HUB, WITHOUT LOWER PLATE 

3 LOWER PLATE 

24" 

Figure 1.  Existing Titanium Hub for CH-54B 

plate is similarly star-shaped but much thinner.  The upper hub and the 
lower plate share the support of centrifugal force and the transmission of 
torque.  The beams of the upper hub alone support shears from lift and con- 
trol moments.  The hub is connected to the drive shaft by splines for torque 
transfer, cone seats for moment and a threaded nut for axial force.  This 
configuration is efficient in metal.  It provides compact load paths that are 
appropriate for a dense material that exhibits high strength in any direction 
of loading.  However, these conventional load paths do not appear to be well- 
suited for composite materials, which have low inter-laminar tensile and shear 
strengths. 

Pioneering efforts to apply composites to the CH-54B hub began in 1971 
(References 1 and 2).  These designs investigated the conventional load path, 
which can be called the center-beam concept.  The design featured many 
narrow, continuous loops of composite material, each of which connected two 
opposite blades.  At the center, the loops passed by the sides of a hollow 
central cylinder.  When stacked together and enclosed by shear webs, these 
loops formed radial beams similar to those of the production hub.  This con- 
cept is attractive in principle but difficult to implement efficiently. 
After detailed study, the investigators concluded that such a composite 
upper hub would be 270 lbs, (122%) heavier than its titanium counterpart. 
It is believed that the high weight is attributable in unknown proportions 
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to at least three factors:  an inherent low capacity of the concept to trans- 
fer shear forces; parasitic weight introduced by spacers required to accommo- 
date geometrical interferences of the loops which must overlap each other at 
the central cylinder; and the design requirement that the hub should mate to 
existing hardware.  These results stimulated efforts to find an alternative 
concept for a composite hub. 

DESCRIPTION AND MECHANICS OF THE NEW COMPOSITE HUB 

CONFIGURATION AND LOAD PATHS 

Figures 2 and 3 show a new fail-safe composite hub that has been designed 
to match or exceed the static and fatigue strengths of the existing CH-54B 
titanium hub.  It consists of three composite plates:  an upper plate, a pan 
plate and a lower plate.  Both the upper and lower plates are flat, except in 
areas of local reinforcement.  The pan plate is cone-shaped, with a circular 
flange at its center and six lugs projecting from its perimeter.  The upper 
plate and the pan plate are joined semi-permanently by six bearing housing and 
nut assemblies.  Each lead-lag pin is held into a bearing housing by the 
tapered-roller upper bearings and the retaining nut at the top end of the lead- 
lag pin.  The straight-roller lower bearings are free to float axially on the 
lead-lag pins.  The lower plate is supported at its center by bolts which con- 
nect the pan plate and lower plate to the main rotor shaft.  The dampers are 
supported by six bolts between the pan and the lower plates.  In order to pre- 
sent the maximum information in a single view, the cross-section shown in 
Figure 2 shows the center bolts coplanar with the damper bolts.  The true 
position of the center bolts is 15° away, as shown in Figure 3. 

LEAD-LAG PIN- 

I 
1 

MAIN ROTOR SHAFT 

24" 

Figure 2.  Composite Plate Hub, Cross-Section 
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RETAINING RING 

UPPER PLATE 

PAN PLATE 

MAIN ROTOR SHAFT 

LOWER PLATE 

Figure 3.  Composite Plate Hub, Exploded View 

Major loads are transmitted primarily by direct stresses and shears in 
the planes of the plates which lie along efficient load paths for the support 
of the three principal loadings:  centrifugal force, torque and transverse 
loads. 

The centrifugal force is bridged by the lead-lag pins to the planes of 
the upper and lower plates.  There, the loads are introduced into the compo- 
site plies by interleaved metal shims which provide a durable surface for 
contact with the housing and a large area of bond surface for the composite. 
Once into the plates, the loads spread out, following highly redundant paths. 
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Load diffusion is fostered by the pattern of reinforcement which provides 
equal stiffness load paths in both the perimeter and radial directions.  The 
hub provides a new direct load path for torque without using the splines and 
the central cylinder of the conventional hub.  Torque is transferred from a 
scalloped flange on the drive shaft to metal fittings in the pan and lower 
plates by twelve bolts which are loaded in double shear.  Balanced-stiffness 
scarf joints transfer the torque from the fittings to the composite plates. 
The upper plate does not participate in the torque path. 

Transverse loads (vertical shears) lie parallel to the centerline of the 
main rotor drive shaft and transverse to the top and bottom plates of the hub. 
Important transverse loads at the offset flapping hinges are produced when the 
pilot controls the aircraft by causing the axis of rotation of the rotor to 
tilt relative to the axis of rotation of the drive shaft, as shown in Figure 4. 
Such tilts, particularly during forward flight, cause the blades to undergo 
complex vibratory flapping motions which produce transverse dynamic loads on 
the hub.  The most significant of these loads for the hub structure is a 1 per 
rev vibratory loading (at 185 rpm for the CH-54B) that can be approximated as 
the product of blade centrifugal force and the sine of the flapping angle at 
the flapping pin.  Figure 4 shows that these loads are antisymmetrical and, 
because of the 24-inch offset, that they produce a large moment called the hub 
moment.  Lift also produces transverse loads; however, they are symmetrical, 
essentially static, and less significant than those from rotor tilt. 

CF x SIN 8 

v v- ROTOR AXIS 

DRIVE SHAFT AXIS —^j  \ 

Figure 4.  Origin of Hub Moment 

At the outboard lugs, the upper bearings transfer the transverse load 
from the lead-lag pin to the upper housing and the nut.  The latter bear 
against the upper and pan plates to complete the load transfer into the hub. 
The upper and pan plates support the transverse loads by the truss action 
of the in-plane forces in each plate.  Transverse loads also produce local 
inter-laminar shearing stresses in the lugs of the pan plate.  The lugs are 
thick to control these stresses. 

At the center of the hub, three-quarters of the hub moment is trans- 
ferred from the upper and pan plates to the rotor shaft by a pair of equal 
and opposite radial forces at the cones; the remainder is transferred by a 
pair of transverse loads on the flange.  The cones are preloaded as the 
bolts are tightened during assembly.  Lift forces are transferred from the 
pan plate to the flange on the rotor shaft. 
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MATERIALS 

A constant-thickness construction with fibers in the 0/+ 60 directions is 
used throughout because it provides multiaxial strength and economical fabri- 
cation.  The orientation is appropriate for a 6-bladed rotor because it pro- 
duces a symmetrical pattern of reinforcement that coincides with the perimeter 
and center load paths.  Four fiber materials were considered:  S-glass, Kevlar, 
a blend of Kevlar and alumina, and all graphite. 

Initially, S-glass was favored because of its low cost, low radar detect- 
ability, and high impact strength.  Glass was eliminated, however, because of 
its low modulus, low fatigue strength in the quasi-isotropic state, and high 
density.  Stress analysis showed that significant compressions (11 ksi, ulti- 
mate) would be developed in the plates under maneuver conditions; thus, 
buckling became a design consideration, and the low modulus of glass, a 
liability.  It is believed that a composite hub using glass could be designed 
to weigh less than the existing titanium hub; however, a glass hub would be 
heavier than one made from advanced materials.  Of the advanced materials, 
graphite is most attractive.  In the quasi-isotropic layup, it provides the 
highest absolute strength, specific strength and specific stiffness.  Figure 5 
shows a calculated interaction diagram for typical ultimate strengths of a 
graphite-epoxy laminate.  The ultimate strength was defined as the stress that 
causes failure of the most critical ply.  A limiting strain theory of failure 
was used. 

xy = k/a 
xx + a 

yy 

0xx' 
ksi 

"k = 0 
•k = .25 
k = .50 
'k = 1.0 
k = 2.0 

-120 
Figure 5.  Typical Ultimate Strength for Graphite-Epoxy, 0/+60 

The metallic components of the new hub were selected to provide the 
best compromise, considering performance, weight and cost.  Titanium 6A1AV is 
used for the larger elements:  the retaining ring at the top of the rotor 
shaft, the disc fittings, the upper and lower housings, and the large 
retaining nuts for the upper housing.  The cones are aluminum-bronze in order 
to minimize the possibility of fretting of the drive shaft.  The reinforcement 
laminae are steel, 17-7 PH.  The fasteners and bushings are high-strength, 
low-alloy steel. 
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METAL LAMINAE REINFORCED JOINTS 

Nineteen of the holes in the new hub are reinforced with multiple metal 
laminae.  The metal laminae provide local multiaxial strength that allows the 
use of simple, low-cost layups for the plates and narrow edge distances at the 
holes.  The metal laminae also provide wear resistance to local chafing, both 
in the holes and on contacting faces adjacent to the holes.  In addition, at 
the center hole of the top plate, the metal plates provide resistance to creep, 
which assures retention of an initial preload.  The integrity of these joints 
is a prime concern, and this program includes both analytical and experimental 
evaluations of these joints. 

Six modes of failure were considered.  They were static and fatigue 
failures of: 

the composite at the edge of each reinforced area 
the composite at the edge of each hole 
the metal at the edge of each hole 
the bond of composite to metal 
the tapered tip of metal 
the bearing surface within each hole (interlaminar splitting). 

The first three modes of failure were analyzed using linear-elastic, two- 
dimensional, finite-element models lying in the plane of the plate.  Figure 6 
shows a portion of the finite element model for the upper plate in the vicin- 
ity of the outer joint. 

Figure 6.  Inplane Finite Element Model for a Joint 
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The fourth and fifth modes of failure were analyzed using a linear- 
elastic, two-dimensional finite-element model of a unit-width cross-section 
through the thickness, as shown in Figure 7. 

METAL LAMINAE 

A A A 
Figure 7.  Cross-Sectional Finite Element Model for a Joint 

The sixth mode, interlaminar splitting, is not amenable to direct analysis. 
It will be precluded from occurring by provisions at every joint for an initial 
clamp-up through the thickness, to produce a compressive preload on the inter- 
laminar surfaces. 

The finite-element analysis provided detailed knowledge of the biaxial 
states of stress throughout the structure for both the static and the fatigue 
design conditions.  Corresponding data, to predict the strength of the mater- 
ials when subjected to such stresses, were not considered reliable, and for 
this reason, the program included static and fatigue testing to determine fail- 
ure strengths and working allowables under similar states of stress.  Figure 8 
shows the test specimen.  Each end of the specimen contains an exact 1/2-scale 
model of the joint in the upper plate.  A finite-element analysis of the spe- 
cimen showed that the stresses in the vicinity of the joints of the test spe- 
cimen are generally similar in pattern and magnitude to those in the hub for 
scaled loads. 

LOAD -* 

L 
LOAD 

METAL LAMINAE 

Figure 8.  Specimen for Element Tests 

The static test showed that the ultimate strength of a full-sized joint 
would be 176 kips, which is 1.95 times the required strength for the most cri- 
tical loading.  Figure 9 shows that the metal shims successfully transferred 
the load into the composite and that the composite supported the load.  The 
primary mode of failure appeared to be rupture of the steel reinforcement at 
point A which is close to the minimum cross-section for the steel.  The spe- 
cimen exhibited fail-safe characteristics by surviving four individual fail- 
ures which preceeded the final failure.  As the loads were increasing at a 
uniform rate, loud reports were heard at 93, 95, 97 and 99% of the failure 
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STATIC TEST FATIGUE TEST 

Figure 9.  Element Specimens After Tests to Failure 

load.  The following stresses were calculated using the elastic finite- 
element model and the final failure load: 

Composite at inner edge of reinforced area 

Composite at inner edge of hole 
Metal at inner edge of hole 
Bond of composite to metal 
Tapered tip of metal 
Metal at failure origin (outer edge) 
Composite at failure origin (outer edge) 

38.7 
2.0 

17.7 
58.9 

217. 
2.0 

61.5 
194. 
10.3 
39.6 

- 20.2 

ksi, CJxx 
ksi, Qyy 
ksi, Txy 
ksi 
ksi 
ksi 
ksi 
ksi 
ksi, Gxx 
ksi, Qyy 
ksi, Txy 

A fatigue test was performed upon a second specimen using R = .1, maxi- 
mum load/minimum load.  The specimen was subjected to the following conditions: 

1 million cycles at peak load ■ 25.0% of static failure load 
1 million cycles at peak load ■ 30.7% of static failure load 

.26 million cycles at peak load ■ 38.6% of static failure load 

Stresses corresponding to these loads are directly proportional to the 
stresses shown for the static test.  The origin of failure in the fatigue 
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test was fatigue of the metal laminae at the inner edge of the hole at point B, 
shown in Figure 9.  The fatigue strength of this joint is about 7% higher than 
that required to match the fatigue strength of the existing titanium hub. 

Additional tests will be performed upon a one-half scale model of the hub 
assembly.  The planned program includes static, fatigue endurance and ballis- 
tics damage tests. 

CHARACTERISTICS AND PERFORMANCE 

WEIGHT 

Table II compares the estimated weight of the new composite hub and the 
actual weight of the existing CH-54B titanium hub.  Weights for the new design 
were calculated from detail drawings.  The new composite hub and its attach- 
ments are 105.89 lbs (26%) lighter than the existing production counterparts. 
Because the new rotor shaft is also lighter by 22.19 lbs, the total weight 
saving for the hub and rotor shaft is 128.08 lbs (25%). 

TABLE II.  WEIGHTS, EXISTING HUB AND NEW COMPOSITE HUB 

EXISTING TITANIUM HUB 

Upper hub assembly 
Lower plate assembly 
Other (Brackets, fasteners, rings, cones, etc.) 

221.80 lbs 
70.50 

111.90 

TOTAL, HUB PROPER 404.20 lbs 

Rotor shaft segment (calculated) 97.03 

TOTAL, HUB AND ROTOR SHAFT 501.23 lbs 

NEW COMPOSITE HUB 

Upper plate 
Pan plate 
Lower plate 
Other (housings, fasteners, rings, cones, etc.) 

63.23 lbs 
91.77 
56.79 
86.52 

TOTAL, HUB PROPER 298.31 lbs 

Rotor shaft segment 74.84 

TOTAL, HUB AND ROTOR SHAFT 373.15 lbs 

NOTE:  The table includes the weight of the segment of shaft 
Line 250.95 to provide a valid basis for comparisons, 
shafts above that level are different in each design. 

above Water 
because the 
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COST 

Detailed estimates were prepared for the average price in a total pro- 
duction run of 1000 assemblies.  Table III summarizes the results.  It shows 
that the initial acquisition price is $17,114 per assembly with no credit 
for lower weight.  If weight savings were valued at only $50 per pound, the 
adjusted price would be $11,228 per assembly.  These prices are based upon a 
1976 quotation of $35/lb for graphite-epoxy prepregs.  If the cost were $20/lb 
(a projected future cost stated in 1976 dollars), the weight-adjusted price 
would be $7,870. 

The price for the corresponding existing titanium hub is estimated to 
be $36,000.  (This price includes $34,000 for the hub housing, as shown in 
Table I, plus $2,000 for 59 lbs of required fasteners and supports.)  Based 
upon this price, the composite hub provides the following savings in initial 
acquisition costs alone: 

52%, with no credit for weight savings 
68%, if weight savings were valued at $50/lb 
78%, if weight savings were valued at $50/lb, and if graphite 

were available at $20/lb in the acquisition time period. 

TABLE III.  SUMMARY OF ESTIMATED PRODUCTION COSTS IN 1976 

COMPONENT                  MATERIAL COST SEE NOTE 

Doublers                   CRES $   171 1 
Center Fittings           Titanium 1,068 
Plates Graphi te-Epoxy 5,140 2 
Other Miscellaneous 1,208 

TOTAL Material and Purchased Components $ 7,587 
Material Burden Factor x 1.524 3 

Through L Price for Materials $11,563 4 
Production Labor, 246.7 hrs. 5,551 

TOTAL Production Price $17,114 6 

NOTES: 
1. All costs are average costs for a production run of 1000 hubs. 
2. Using 1976 prices, $35/lb for 5209 T- -300 system. 
3. Typical for a competitive company. 
4. Price to the customer, including all burdens and a 12% profit. 
5. Hours based upon an 87% learning curve. 

Rate = $22.50/hr, typical for a competitive company. 
6. Price to the customer, including all 

fully burdened with a 12% profit. 
materials and labor, 
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PRODUCIBILITY 

The composite hub is designed for uncomplicated and efficient production 
using hand layups of preimpregnated materials.  The layups are exceptionally 
simple, permitting placement with a minimum of handling.  Each plate is 
basically uniform in thickness.  Thus, a single steel rule die for each plate 
can be used to cut the entire pattern, including the holes, in one operation. 
The plies and local reinforcements can then be stacked in sequence to achieve 
the desired interleaving.  The bonding tool can contain standing plugs at each 
hole to assist placement.  A nearly exact 0+60 orientation can be used in 
the top and bottom plates which are flat.  The orientation in the pan plate 
will be an approximate 0+60 which results when the flat patterns are layed 
over a conical mold. 

FAIL-SAFETY AND BALLISTICS TOLERANCE 

The new composite hub enjoys a high degree of fail-safety and ballistics 
tolerance in full accordance with AR-56, which requires that no failure of a 
single structural element cause catastrophic failure or preclude safe con- 
tinuous flight to a normal destination. 

The plate hub concept provides inherent redundancy.  Each plate can be 
envisioned as closely spaced elements providing multiple and alternative load 
paths.  Such plates can survive ballistically-induced holes arbitrarily 
located.  Olster and Roy performed tests to determine the ballistics surviv- 
ability of graphite composites and observed that failure will not occur upon 
impact if the stress at the time of impact is below a characteristic threshold 
strength and that failure will not occur upon subsequent loadings of the dam- 
aged plate if the stresses are below a characteristic residual strength (Ref- 
erence 3).  Their conclusions included the following: 

"1.  The threshold strength and residual strength of the laminates 
were found to be approximately 55 and 62%, respectively, of 
the ultimate tensile strength, implying that ply orientation 
is the most significant factor. 

2. For the two velocities considered, the residual strength was 
independent of both the preload and the projectile velocity. 

3. Both the residual strength and threshold strength show a cor- 
respondence with the fracture toughness of the laminates. 

4. Based upon very limited results, it appears that 50-caliber AP 
projectiles have only a slightly more detrimental effect than 
30-caliber projectiles." 

Stress analyses show that, in the fatigue design condition, the peak 
stresses in the upper and pan plates are less than 11 ksi, and in the lower 
plate, less than 13 ksi.  These values are well below the threshold strength 
of 30.1 ksi and the residual strength of 34.6 ksi reported for 0/+ 60 lami- 
nates of graphite following 30-caliber projectile hits.  A residual strength 
of 29.4 ksi was reported following a 50-caliber hit.  Thus, it is concluded 
that the plates will be ballistics tolerant even to multiple hits. 
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In addition, it is believed that there exists a significant survival 
probability following 23-mm HE attack, but no convincing analysis is pos- 
sible.  Experimental verification would be necessary to establish 23-mm 
survivability. 

It is also expected that significant fatigue performance will be still 
available following 30-caliber or 50-caliber attack.  Freeman and Keubeler 
have shown that graphite structures exhibit fatigue strengths that are excep- 
tionally large fractions of their static strength, even in the prsence of 
sharp notches (Reference 4).  For example, HT graphite, with various fiber 
orientations, exhibits the fatigue performance shown in Table IV. 

1 rABLE IV.  FATIGUE PERFORMANCE OF HT* GRAPHITE 

FIBER 
ORIENTATION 

STATIC 
ULTIMATE STRESS 

ksi 

MAXIMUM STRESS, R = 0.1 
NOTCHED K = 3 

4          7 
10 cycles  10 cycles 

0 
0, 90 
0, 90, + 45 

165 
110 
58 

70         60 
63         60 
32         30 

*HT = High tensile strength, high 
intermediate cost, graphite 

elongat 
fiber. 

ion, intermediate modulus, 

RELIABILITY AND MAINTAINABILITY (R&M) 

The composite plates are rugged and simple and have highly redundant 
load paths and low notch sensitivity.  They are inherently reliable and main- 
tainable.  Therefore, the design efforts concentrated upon the joint details, 
where R&M had a great influence upon the final configuration.  The simplicity, 
low parts count and producibility of the present joints are, in large measure, 
the results of repeated design changes to improve reliability and maintain- 
ability.  A desirable consequence was also a corresponding lowering of cost. 
The R&M characteristics will be presented in future reports; herein, the main- 
tainability requirements are listed, and the installation and removal pro- 
cedures are described. 

The maintainability requirements were stated as the following qualita- 
tive goals and objectives: 

1. Minimize the maintenance manhours per flight hour for both 
scheduled maintenance and unscheduled corrective maintenance 

2. Minimize the probability of maintenance being required above 
field level 

3. Ensure the simplicity of installation and removal 
4. Ensure that there are positive removal procedures, even in the 

presence of extensive corrosion and/or fretting 
5. Ensure that the installation and removal of the hub assembly 

requires no disassembly of hub components 
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6. Ensure the ease of inspection of critical parts 
7. Provide maximum accessibility to mounting hardware 
8. Ensure that all components subject to corrosion, fretting or 

wear can be refurbished or replaced 
9. Ensure that the maintenance manpower requirements will be com- 

patible with the CH-54 maintenance program 
10.  Ensure that the skill levels required for field repairs are 

compatible with the training of the Army personnel. 

The hub is installed and removed as a complete unit, with no buildup or 
disassembly at the Direct Support level.  For installation, first the damper 
bolts are loosened two turns, then the hub is lowered over the drive shaft 
until the bottom plate approaches the flange on the drive shaft.  The hub is 
turned to align the scallops, lowered to rest on the cone seats, and turned 
again to align the bolt holes, and then the lower bolts are inserted.  The 
ring at the top of the shaft is positioned, and the upper bolts are inserted. 
All bolts are then torqued to standard levels.  As the bolts tighten, they 
will draw the aluminum-bronze cones down to positive stops and induce a tight 
preload. 

The upper and lower cone seats are cut at an angle of 14 degrees, which 
will normally allow self-release and ease of removal.  In the event of 
abnormal seizing due to corrosion or fretting, positive removal is still 
assured by provisions for forcing separation by applying hydraulic pressure to 
the upper cone and by applying mechanical jacking to the lower cone.  Assembly 
and removal require only common hand tools.  The mounting bolts are all easily 
accessible. 

RADAR DETECTABILITY 

Radar cross-section (RCS) measurements were made using one-half scale 
models of the existing production hub and several versions of the new plate 
hub.  These versions included hubs constructed from bare, nonconducting 
(fiberglass) composites, from nonconducting composites coated selectively 
with a magnetic absorber, and from a conducting composite, such as graphite. 
The latter was simulated by covering the fiberglass model with aluminum foil. 
The magnetic absorber material is a special paint consisting of a polyurethane 
vehicle with finely divided ferrous and ferrite pigments.  It is applied with 
conventional spray equipment. 

The new plate hub provides reduced radar detectability to the following 
extents: 

1. A 38% reduction in RCS was achieved by shape alone, comparing 
the current hub and the plate hub covered with aluminum. 

2. A 76% reduction in RCS was achieved through the combination of 
shape and the use of nonconducting composites. 

3. A 93% reduction in RCS was achieved through the combination of 
shape, nonconducting composite materials, and the application 
of the magnetic absorber to the improved hub. 

4. Use of conductive (graphite) composites will change the RCS 
treatments required.  It will be necessary to cover larger areas 
with the magnetic absorber. 
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ADDITIONAL CONSIDERATIONS 

Lightning.  Graphite composites can be seriously damaged if they become the 
primary electrical path.  This will be precluded in the new plate hub by radial, 
metallic conductors between the main rotor shaft and each bearing housing. 

Impact.  Graphite-epoxy composites are susceptible to foreign object damage 
(FOD) involving low-velocity impacts, such as those from falling objects; 
however, the actual service threat and the corresponding design criteria are 
not well-defined, particularly in the case of a rotor hub, which is located 
high-up on the aircraft and which is relatively unexposed.  It is believed 
that the present design is rugged and that, if required, it could be pro- 
tected to any degree desired by the use of energy-absorbing covers on 
selected exposed surfaces.  In the most exposed positions, at the blade 
joints, the graphite composite is already reinforced by steel doublers, which 
should provide ample resistance to impact damage.  Away from the joints, the 
plates are thick, 0.338 inch, and should possess adequate inherent impact 
resistance.  The FOD problem is widely recognized, and it is anticipated that, 
in the future, material suppliers will develop new matrix systems that will 
provide increased impact resistance. 

Debris.  The space between the rotor shaft and the pan plate will not become 
a trap for water, sand or other debris.  It will be cleansed by centrifugal 
force which will expel any material through the openings that exist between 
the pan and upper plates at the positions between the blades.  In addition, 
the lower cone will be grooved to provide drainage paths at the lowest point. 

OTHER APPLICATIONS 

In the design for the CH-54B, the pan plate, which provides the load path 
for transverse shear, is located in the intermediate position.  This is not 
the only possible configuration.  The pan plate could also be located either 
above or below the flat plates.  Figure 10 shows a sketch of an alternate 
design (for a four-bladed rotor) in which the pan plate (2) is on top.  In 
addition, the plates (1 and 3) are also shown with a shallow cone corres- 
ponding to the steady 1-g cone angle of the blade.  The load paths in this 
design are similar to those described earlier except for the transmission 
of torque which, in this design, is shared by plates 1 and 3. 

The principal advantage of this configuration is the clear envelope it 
provides inboard of the bearings.  The entire annular space between plates 
1 and 3 is open.  Figure 10 shows an elastomeric articulation in this space. 
A spherical bearing (4) provides the lead-lag and flapping motions; a chevron- 
stack thrust bearing (5) allows feathering motions.  The outboard end of the 
spherical bearing receives attachment bolts that hold it to the hub.  The 
rotor blade shank (6) extends inboard for contact with flapping stops and 
attachment of a damper. 
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- Nearly flat plate 
- Pan plate 
- Nearly flat plate 
- Spherical bearing 
- Chevron-stack 

thrust bearing 
- Rotor blade shank 

Figure 10. An Alternative Plate Hub Configuration 

CONCLUSIONS 

1. The composite plate hub is producible, fail-safe, ballistically 
tolerant, reliable, maintainable, low in radar detectability, low 
in weight, and low in cost. 

2. A composite hub designed for the CH-54B offers the following specific 
advantages: 

b. 

c. 

The composite hub weighs 105.89 lbs (26%) less than the 
existing titanium hub. 
The composite hub and rotor shaft assembly weighs 128.08 lbs 
(25%) less than the corresponding titanium hub and rotor 
shaft assembly. 
The initial acquisition price of the composite design is $17,114 
per assembly, with no credit for lower weight.  If weight savings 
were valued at $50/pound and if graphite were $20/pound, the 
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adjusted initial price would be $7,870 per assembly.  These 
costs correspond to savings of 52% and 78% of the price of the 
existing titanium hub. 

d. The composite design provides increased ballistics tolerance, 
fail-safety, and reliability. 

e. The composite design provides a 38% reduction in radar cross 
section by shape alone.  Using limited applications of a spray- 
on magnetic absorber, a 93% reduction is feasible. 

f. The composite design provides good maintainability, with particu- 
larly simple procedures for installation and removal that require 
no special tools. 
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ABSTRACT 

This paper presents a statistical evaluation of stress concentration factors (SCF) of finite and 
infinite width anisotropic plates, subjected to uniaxial loads and containing various types of central 
cutouts.    SCF for finite plates are determined from a modified mapping collocation technique as 
applied to orthotropic plate analysis.  Influence of variability in material moduli is investigated by 
application of the Monte Carlo method. Glass, boron and graphite reinforced [0/±45/0/9Ö]s epoxy 
laminates are considered. Sensitivity analysis of the influence of increasing variability in moduli is 
completed. Scatter in shear modulus is shown to dominate scatter of the probability distribution 
of stress concentration. Comparison of the calculated distribution function with available experi- 
mental data demonstrates the success of the theoretical estimates for strain concentration. How- 
ever, strength estimates remain problematical, partly due to lack of data from which to formulate 
appropriate failure criteria, and also due to requirements in further development of ply-by-ply 
fracture analysis. This is particularly true for materials and angle ply configurations capable of 
large deformations. 

INTRODUCTION 

In recent years, various development and design studies have produced data and tentative 
philosophy for design of composite structures, but discontinuities, joints and cutouts are still not 
well understood. Classical and numerical analysis procedures can predict elastic stress-strain distri- 
bution and concentration factors reasonably well. Predicted deformation patterns are also in rea- 
sonable agreement with experimentation. However, failure stress estimates cannot be made with 
great exactness and the tendency is to considerably underestimate composite structural load capac- 
ity. This is partly related to the fact that even in the case of plane stress, sufficient test data are 
ordinarily not available to select a preferred failure criterion with confidence.  It is generally ob- 

d | 1 ] that elastic laminate ply-by-ply analysis leads to measured strength reduction factors 
(SRF) > theoretical stress concentration factors (SCF). Numerous experimental investigations 
have shown that the failure process is dominated by unloading mechanisms which utilize available 
parallel unloading paths.  For instance, Whiteside, et al [21 reports that during monotonic loading 
of quasi-isotropic composite panels containing cutouts, audible fracturing commenced at 60 to 70% 
of the ultimate failure load in boron and glass laminates, and near 85% in graphite epoxy construc- 
tions. Both boron and glass composites displayed delamination due to tensile cracking as well as 
intcrlaminar shear failure of individual plies. Thus, not only is the failure criteria data lacking, but 
also the procedures to calculate local fracture modes and sequences are in developmental stages. 
Fortunately, existing analytical treatments of failure are ordinarily conservative. However, in the 
interest of more efficient utilization of composites, as well as the necessity to develop statistical 
methods, several problems were treated during this study. 
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The first problem is primarily concerned with examination of the effects of moduli uncertainty 
and variability on stress analysis of anisotropic structures. Abundant literature documents the ex- 
perimental difficulties of accurate characterization of fiber reinforced materials. Certain properties 
arc rather easily obtained whereas others are troublesome to measure.  For instance, uniaxial moduli 
such as longitudinal and transverse moduli in composites generally exhibit less scatter than experi- 
mentally determined shear modulus. Furthermore, the mean value of shear modulus is markedly 
affected by the test method [3,4,5]. Thus in this case, the influence of moduli variability on pre- 
dicted stress variation was established. Calculated variations compared reasonably well with experi- 
mental data reported in the open literature. 

The second problem deals with attempts to calculate ply-by-ply failure response of the quasi- 
isotropic laminates. Comparison of these calculated strength distributions with results obtained on 
various angle ply configurations emphasizes the importance of further study of failure theories and 
the necessity for generating design data for the composite system under consideration. 

HOMOGENEOUS ANISOTROPIC PLATE ANALYSIS 

Stress analysis of filamentary composite plates requires anisotropic, inhomogeneous and 
inelastic considerations in order to represent the actual physical problem. In order to avoid these 
extreme analysis problems, the simplest composite representation consisting of homogeneous aniso- 
tropic medium is analyzed. The actual homogeneous solution involves determining stresses in an 
orthotropic, mid-plane symmetrical laminate subjected to plane stress conditions. The method of 
solution for the infinite sheet was developed by Refs. 6 and 7. For finite sheets, a modification 
(rf the above method was developed by using the Modified Mapping Collocation technique [8]. This 
procedure provides a means of solving finite orthotropic plate problems for various configurations 
subjected to cutouts, cracks and cutouts with cracks. 

The basic equation for the 2-dimensional problem is 

a4u   -       a4u      n , a4u 
a22^4'2a26^-y + (2a|2 + a66)8^2 <» 

"2 al*-m + all —A   = 0 3xdy3 dy4 

where ay are elastic constants from generalized Hooke's law. 

U is a stress function of the form 

U(x,y) = 2Re[F1(z1) + F2(z2)] (2) 

where 

Fj(Z|)and F2(z2) 
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are arbitrary functions of the complex variables 

Z]   = x + s j y and z2 ■ x + S2 y. 

The complex constants s\ and S2 are determined from assuming unequal roots of the characteristic 
equation. 

all  s4 " 2a16s3 + <2 a12 + a66) s2 - 2a26s + a22 = 0 (3) 

and are of the form 

sj  = a,   + i ß{ S3 = aj  - i 0! 

s2 = a2 + i 02 
s4 = a2 " [ h 

where aj,   a2,   ß\   and   02     are real constants 

and 0] >0./32>0;j3] + 02 

The stress components can be defined by means of two analytic functions, 0, \\J. 
Introducing the stress equations 

92U 32U       . d2U tA. 

°x =^'°y = ^2"        Xy ""*** 

with the definitions 

dF, dFo 
dzj = *(zi);^zy   =   * (Z2> 
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one then obtains the general expression for stress components by means of two analytic functions 
0 and $ in the form: 

2Re ls{ 0'(z,) + s^  *' (z2)] 

ay    =      2Re W U\) + r (z2)l (5) 

rxy  =      -2Re  [s|  0' (zi) + s2 V (Z2)] 

Defining xnds and ynds as horizontal and vertical forces acting on an element of arc ds with 
normal n, the force resultant along the arc can be written as [9] 

(1  + s,) 0 (zj) + (1  +is2) 4f (z2) + (1  + i s,) ^Tz,) 

(6) 

(1  + i s2) i//(z2)   ■      i /  (xn + i yn) 

For orthotropic plate analysis a2£ and aj£ = 0 in Eq. (1), the anisotropic material will tlicrc- 
fore contain three planes of elastic symmetry. 

From Eq. (1) orthotropic plate equation can be written as. 

E2     dx4       \G12       El   /3x2ay2      E,    3y4 

with characteristic equation 

and moduli values are defined in Fig. 1. 
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MODIFIED MAPPING COLLOCATION TECHNIQUE 

The Modified Mapping Collocation technique is applied to the anisotropic plate analysis in a 
manner described in [8J. The method provides stress functions while ensuring traction free condi- 
tions on the cutout surface by using the Mushkelishvili-type extension arguments of analytic func- 
tions theory. 

The stress function is represented by a Laurent expansion of the form 

F(f)   =T   ^2        (i'n + ibn*n (9) 

where an and bn are real and f is a complex variable defined in auxiliary £ plane (see Fig. 2). 

The other boundary conditions are satisfied by choosing a finite number of boundary stations 
in the /-plane (Fig. 2) and prescribing proper stress and force conditions at these points. The an's 
and bn's for the truncated series(Eq. 9) are determined by satisfying the above conditions. The co- 
efficients are determined in a least squares sense in that the number of conditions exceeds the de- 

s of freedom by a ratio of two to one. This is done in order to obtain desired accuracy of 
solution. 

INFINITE ORTHOTROPIC PLATE ANALYSIS 

The simpler analytical problem considered is the infinite anisotropic plate, subjected to uni- 
axial tensile loads and containing a center hole. In this instance, the hoop stress, a#, is calculated 
from 17] 

where 

- K cos20 + (1 + n) sin20 (10) 

K = ^ E,/E2  ,       n =^ 2 ( (Ej/E^1/2 - un + E,/G12) , 

T = Applied tensile stress 

and 

sin .4* 

\G12    El 
sin 20 cos20 

cos ;4e 
E2 
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Ej ■ Young's Modulus (more rigid principal direction) 

E2 ■ Young's Modulus (other in-plane principal direction) 

v2\>  "12 = Po'sson's ratios 

Gj2 = Shear Modulus 

Figure 1. ORTHOTROPIC PLATE WITH CUTOUT 

© 
Z-Plane C-Plane 

ED 
an + irn • 0 

AB 
<rx + irxy ■ T 

BC 

Virxy=0 Figure 2. MAPPING PLANES 

176 



STRESS CONCENTRATION FACTORS 

The Stress Concentration Factors (SCF) are defined as follows: 

SCF     =      amav/T max' (11) 

where omax is the peak stress commonly evaluated at point D if Fig. 2. T is the applied tensile stress 
as shown in Fig. 1. 

MONTE CARLO METHOD 

The Monte Carlo method was applied in order to simulate the inherent variability of the con- 
trolling parameters, Ej, E2, Gj2 and v^ in determining SCF for the composite plate. The relative 
complexity of the functional relationship further suggests the need for the Monte Carlo method. 
The method avoids restrictions on the exact specification of the statistical distributions of the vari- 
ables since simple approximating functions can serve well in the scheme. In general, this prevents 
formulation of incorrect frequency distributions for the quantities of interest. 

In this paper determination of SCF values by the Monte Carlo method involves representing 
eacli o\' the independent variables by a set of normally distributed random numbers.  Justification 
for using normal distributions is provided by results in Figure 3. Use of normal distributions is not 
a requirement. However, due to resulting simplifications, normal distributions were used in this 
initial phase of our work. The pertinent equation, including shear modulus Gj2, commonly applied 
for SCF estimates is: 

E, 

2v 

'12 

12 
E2 

(12) 

A value is specified for each variable by choosing a number at random from its corresponding 
distribution. The resulting value for SCF is determined for each set of randomly selected variables. 
The computation is repeated and a probability distribution is obtained for the SCF values. 

The normally distributed random numbers were generated by a Univac 1108 subroutine. The 
procedure is simply one of generating uniform random numbers and solving for X in the relation 

A 

/ 
f:   dx   =    R (13) 

where R = uniform random number and 

fj = normal frequency distribution. 
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As noted previously, it tlie probability distributions of the controlling variables are known from 
some experimental results or from an analytical basis, then the appropriate distribution function fj 
may be used. 

The roots evaluated in Eq. 12 are substituted into the analysis described previously. Values 
for ay are then tabulated for the composite system with maximum stress amax inserted in hq. 1 1 
in order to obtain SCF values. The number of SCF values equals the random numbers generated 
for each parameter. 

STATISTICAL PARAMETERS 

The mean, dispersion and distortion parameters are defined as follows: 

N 

W     (mean)     =      ±      ^ W; 

i = 1 

S.D. (standard deviation) = s X>i-W)2 1/2 
(14) 

g|  (skewness) = U3 U2    ' 

g2 (kurtosis)   = U4 Ih        -3 

where Wj    =      ith simulation of SCF 

and 
N 

'j   "     N y^ (W|-W)i 

1 = 

In order to generate the random numbers in the Monte Carlo application, the standard devia- 
tion (S.D.) is determined from the relation: 

S.D.    =      Mx Vx (15) 

where Mx = Mean 
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and Vx is an assigned percentage. The discussion "variation" in the figures and tables are Vx values. 

RESULTS AND DISCUSSION OF STRESS CONCENTRATION ESTIMATES 

For the three materials, graphite, glass and boron fibers, the composite was taken to have a 
[0/±45/0/90 ] s laminate construction. 

The selection of optimum number of coefficients in the stress function (Equation 9) is made 
by minimizing errors on boundary collocation points and maintaining desirable solution accuracy 
for the system of equations in the stress computation. The bimodal frequency distributions shown 
in Figures 4a and 4b are the result of unacceptable solutions of the systems. In Figure 4a and 4b 
there are an insufficient and excessive number of coefficients respectively. For most of the computa- 
tions, 12 to 18 positive and negative coefficients were necessary for satisfactory solutions. 

The orthotropic SCF depends on the material constants, unlike the isotropic case which is in- 
dependent of moduli values. The effect of large variations (30 to 40%) in modulus values combined 
with high stress gradients (SCF = 6.0) make it difficult to accurately assign acceptable number of 
coefficients for the mapping function. The infinite plate solution does not experience the above 
problem since the solution is quite simple compared to finite plate analysis. 

A sensitivity analysis (Fig. 5) was made in order to determine the effects of variations in indi- 
vidual moduli values for the case of an elliptical cutout. In this problem the plate has a length and 
width of 20 and 10 inches respectively. The cutout is an ellipse with major and minor axes of 2.0 
and 1.0 inches respectively. 

In the case of all parameters with 5% variations (Fig. 5a), and for v\2 (Poisson's ratio) with 
variation of 30% (5d) there is slight variation in SCF values.  For Young's modulus E\ (Fig. 5c)and 
shear modulus Gj 2 with variations of 30% (Fig. 5b) there is a large variation in SCF. This is not an 
important consideration for E\ since experimental determinations are usually quite accurate and at 
the most in error by 10% or less. Gj 2 values, however, are difficult to obtain experimentally and 
can have large uncertainties [3, 4, 5]. 

In design and analysis such variations can result in considerable problems since the designer 
may not have sufficient test data to recognize potential variation in stress states due to inherent 
material property variation.  In the selection of material the designer must often proceed without 
being able to assess the effects of variations in material properties. Error bounds can be made for 
deterministic values obtained in the analytic solution of composites but these are only crude ap- 
proximations. 

On the other hand, the development of a probability density function (PDF) by the Monte 
Carlo technique allows one to obtain realistic probability numbers for SCF of the structure, while 
limited test data obtained from the experimental approach usually fails to provide accurate (PDF) 
curves. 

In Tables I, II and III the effects of moduli variations on mean, standard deviation, skewness 
and kurtosis parameters are summarized. It should be noted that for relatively large variations in 
moduli the mean SCF varies by less than 2%, while dispersion and shape parameters increase con- 
siderably, particularly for the kurtosis measurement. Since the actual variations in observed G] 2 
and other moduli can approximate 25% and 5% respectively then examination of results indicate 
care should be taken in arbitrarily assigning PDF values, particularly of the Gaussian form. The 
skewed right distribution could produce highly conservative estimates for SCF range of data. 
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TABLE I.  SUMMARY OF BORON EPOXY COMPUTATIONS 

SCF* = 3.438  El  = 15.80*10
6  E2 = 7.26xl06  G12 = 4.28xl0

6  v12 = 0.450 

Percent Variation of Moduli: Variance in G10 when Ei, E2 and \>i2 

Ei, E2» G12 and vi2 have 5% Variation 

5% 10% 15% 10% 15% 20% 25% 

SCFt 3.397 3.401 3.408 3.402 3.412 3.426 3.448 
Standard 0.0687 0.1390 0.2131 0.0976 0.1366 0.18701 0.2651 
Deviation 

Skewness 0.1488 0.1794 0.2306 0.3689 0.732 1.3171 3.0042 
Kurtosis 0.2600 0.3424 0.5354 0.2732 1.217 4.184 22.589 

♦Finite Plate Solution (No Variations) L = 20.0, W = 10.0 and r = 0.5 
tlnfinite Plate Solution - 1500 Trials 
Moduli in pounds per square inch 

TABLE II.  SUMMARY OF GLASS EPOXY COMPUTATIONS 

SCF* = 3.157 Ei = 3.75x10s  E2 = 2.83x 106  G12 = 1.29X106 v12 = 0.360 

Percent 

El, 

Variation of Modul 
E2, Gi2 and v^2 

i: Variance in Gj2 when Ei, E2 
and vi2 have 5% Variation 

5%     10% 15% 15%     20% 25% 

Standard 
Deviation 

SCFt 

0.0610  0.1217 

3.119   3.119 

0.1894 

3.129 

0.1215  0.1664 

3.133   3.140 

0.2359 

3.165 

♦Finite Plate Solution (No Variations) L = 20.0, W = 10.0, and r = 0.5 
tlnfinite Plate Solution - 1500 Trials 
Moduli in pounds per square inch 

TABLE III.  SUMMARY OF GRAPHITE EPOXY COMPUTATIONS 

SCF* = 3.624  ET = 10.25xl06  E2 = 4.69xl06  G12 = 2.27xl0
6  v12 = 0.42 

Percent Variation of Moduli: Variance in Gj2 when Ej, E2 and v12 

El, E2» G12 and \)\2 have 5% Variation 

5% 10% 15% 10% 15% 20% 25% 

SCFt 3.576 3.580 3.588 3.582 3.593 3.609 3.633 
Standard 0.0747 0.1513 0.2321 0.1087 0.1536 0.2110 0.2991 
Deviation 

Skewness 0.1521 0.1959 0.2620 0.3789 0.7403 1.3155 2.9630 
Kurtosis 0.1832 0.2750 0.4853 0.2604 1.231 4.1580 22.0050 

♦Finite Plate Solution (No Variations) L = 20.0, W = 10.0 and r = 0.5 
tlnfinite Plate Solution - 1500 Trials 
Moduli in pounds per square inch 
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The results for 1500 "random tests" described in the tables combined with appropriate PDF 
provides a good analytic tool for determining predictable range of SCF values with corresponding 
probabilities. 

The predicted dispersions shown in the tables are consistent with Whiteside's experimental 
data [2] for the same model described in Fig. I.  For limited data of three similar Boron specimens, 
SCF values were 3.08, 3.34 and 3.58 using a strain gage measurement. There were similar disper- 
sions for graphite and glass epoxy. Calculated distributions of strain concentrations are shown in 
Figure 6. 

PLY FAILURE ANALYSIS 

In principle, failure criteria can be applied on a ply-by-ply basis and compared to the stress 
state in the vicinity of a free edge or notch. There are a number of difficulties associated with this 
notion.   First of all, the choice of empirical failure criteria is problematical. Secondly, the general 
state of stress is not easily determined. 

Regardless of these troubles, we sought to establish the relative accuracy of failure predictive 
capability for the problem defined in Figure 7a, using widely accepted failure theories, but restrict- 
ing consideration to linear analysis procedures. 

The method of analysis involves treating each layer as an anisotropic continuum and defining 
failure in relation to each layer. This requires use of a modified plasticity yield criterion which is 
basically a quadratic interaction formula involving stress components. 

The stress in each layer is determined by considering the laminate to be a homogeneous aniso- 
tropic elastic plate where plane stress at a point produce uniform strain through the thickness. The 
strain and stress values in each layer (Fig. 7b) are determined from relations of this type, (0° layer) 

Qi2 - yxv Qn \ .       /On       "xVQi2 . \ /Qll "xyQl2  \ 
EX     -)

+ °y[T; -    EX   ) 

,  Ql2 - "xyQl2   \ /Ql2 yxyQ22 rßt     «x ( —ET— i+ Mi: ET x / #   \ ^y **x 

Q66 
T«t rxy    Gxy 

where Q's   - reduced layer stiffnesses 

a£< at       -  fiber stresses in longitudinal and transverse direction respectively. 

i>xv  - Poisson ratio 

(16) 

T£t   -  shear stress in layer 
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and ax, ay, rxy are determined stresses from orthotropic laminate solution. 

With the ability to determine stresses and their locations one may determine failure loads and loca- 
tions of failure using various criteria such as Hill-Von Mises, Tsai-Wu and Hoffman. The model 
selected (Fig. 7a) with geometric parameters L = 20, W = 10 and r = .5, for evaluation of point stress 
failure law, involves compressive and tensile stresses in the solution.  For this stress state, the Hoff- 
man criterion was applied to the model in order to include both stresses and is of the form: 

K^X.       YTY   " X^X_       X~X. °P Y~   Y_    "t .7 XTXC   '   YTYC-  XTXC   '   XTXC"8     '  YT   Yc    t     '  s2 

where ultimate strengths are defined as: 

Xj   -   tension (direction of fiber), 

X~    -   compression (direction of fiber), 

Yj   -   tension (transverse), 

Yc    -   compression (transverse) 

and 

s  -  Shear Strength 

The failure stresses FL tabulated in Tables IV to VI are determined from solution of the 
quadratic equation (17). Stresses are initially computed for unit loads, then magnified as deter- 
mined from solutions of Eq. 17.   Strength values are obtained from Whiteside's tabulated strength 
data [2]. 

In the development of the referenced tables, the stresses are determined systematically so that 
contour representation of stress field is made for each ply. Tables IV to VI are abbreviated ver- 
sions of a more complete representation of the stress field. Only the more relevant data is presented. 
Zero degree ply designates fibers oriented in the direction of the load. The other ply orientations 
are consistent with rotations from zero orientation. The X-Y coordinates indicate location of 
stresses. 

In examining Tables IV to VI it becomes obvious from experimental results that minimum FL 
values are not sufficient for measuring failure loads of the composite.   Two other criteria were 
used in establishing failure location and loads.   Initially from the Hoffman criterion load FL is 
determined.   The layer stress a p in direction of fiber for each layer is evaluated for this load, then 
the ratio og/Xj is calculated. The combination of og/Xj > 1 and corresponding minimum FL 
values determine the layer, failure load and location of failure. 

With this assumption one estimates that failure load using this approach for graphite material 
(Table V) is 25.7 ksi for 0° ply at location X = .5 and y = 0, since ag/Xj is max and the 
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TABLE IV* GLASS 

PLY0 X Y °l °t XJU °l/^ '*-* °T\ 
0 

v., 
c 

**/, 
FL(KSI) 

0 .50 0 4.94 -.17 0 1.01 -1.80 -.29 .14 0 23.0 

45 .50 0 1.81 .73 .77 .28 -   .51 .95 -.47 .46 17.00 

-45 .50 0 1.81 .73 -   .77 .28 -   .51 .95 -.47 .46 17.0 

0 .50 0 4.94 -.17 0 1.01 -1.80 -.29 .14 0 23.0 

90 .50 0 -1.31 1.64 0 -.09 .16 .93 -.46 0 7.60 

0 .494 .078 4.56 -.10 -.28 .99 -1.76 -.18 .91 .23 24.0 

45 .494 .078 2.89 .38 .69 .62 -1.11 .67 -.33 .57 24.0 

-45 .494 .078 .62 1.04 -.69 .07 -   .125 .98 -.49 .30 12.6 

0 .494 .078 4.56 -.10 -.28 .99 -1.76 -.18 .09 .23 24.0 

90 .494 .078 -1.05 1.52 .28 -.08 .14 .94 -.47 .08 8.24 

0 .476 .155 3.57 .06 -.46 .90 -1.61 .13 -.06 .44 27.9 

45 .476 .155 3.45 .10 .49 .88 -1.S6 .21 -.10 .48 28.0 

-45 .476 .155 -.28 1.18 -.49 -.03 .05 .96 -.48 .18 10.9 

0 .476 .155 3.57 .06 -.46 .90 -1.61 .13 -.07 .44 27.9 

90 .476 .155 -.41 1.21 .46 -.04 .07 .95 -.48 .17 10.5 

E    = 
X 

4.04X106 E    = 
y 

2.80X106 G      - 
xy 

1.J1X106 vxy 
=     .261 

*T =     110 0 KSI *T    ■ 13.4 KSI s =    29.0 KSI 
X 

c 
=      62 0  KSI Y      * c Jo .0  KSI 

Failure Load  (PSI)(Whiteside)  = 31.5X10 
3 

* Distance and Stresses in inches and KSI, respectively, moduli in PSI 
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TABLE V* GRAPHITE 

PLY X Y °l °t 
T 

c'-x c 

o   , 

•"-,, 
'*,, 

FL(KSI) 

0 .50 0 6.28 -.13 0 1.15 -1.35 -.68 .178 0 25.7 

45 .50 0 1.91 ..24 .33 .22 -.25 .76 -.19 .52 15.9 

-45 .50 0 1.91 .24 -.33 .22 -.25 .76 -.19 .52 15.9 

0 .50 0 6.28 -.13 0 1.15 -1.35 -.68 .17 0 25.7 

90 .50 0 -2.46 .61 0 -.14 .16 .96 -.24 0 7.88 

0 .494 .078 5.70 -.09 -.14 1.07 -1.25 -.49 .12 .35 26.3 

45 .494 .078 3.66 .08 .29 .58 .68 .36 -.09 .64 22.2 

-45 .494 .078 .08 .38 -.29 .01 -.01 .91 -.23 .34 11.8 

0 .494 .078 5.70 -.09 -.14 1.07 -1.25 -.49 .12 .35 26.3 

90 .494 .078 -1.96 .56 .14 -.12 .14 .96 -.24 .12 8.57 

0 .476 .155 4.26 0 -.21 .83 -.97 .04 0 .58 27.2 

45 .476 .155 4.56 -.02 .19 .91 -1.06 -.14 .03 .53 27.9 

-45 .476 .155 -1.09 .46 -.19 -.08 .09 .95 -.24 .20 10.4 

0 .476 .155 4.26 0 -.21 .83 -.97 .04 0 .58 27.2 

90 .476 .155 -.79 .43 .21 -.06 .07 .94 -.24 .23 11.0 

E    =   11.03X106 

X 
E    = 5.51X106 

y 
G xy =  2.78X10 V xy =   .408 

XT ■  140 .0    KSI YT 
=  4.9 KSI s *  120 0    KSI 

Xc -   120 .0    KSI Yc =  19.0 KSI 
23.8X103 Failure Load (PSI)(Whiteside)  = 

* Distance and Stresses in inches and KSI, respectively, moduli in PSI 
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TAB LI VP 1 BORON 

PLY X Y °l °t 'it °"-*e °S  X T'Vs FL(KSI) 

0 .50 0 6.50 -.12 0 1.15 -.82 -.54           .17 0 31.5 

45 .50 0 1.86 .21 .22 .30 -.22 .88        -.27 .09 28.8 

-45 .50 0 1.86 .21 -.22 .30 -.22 -.54         -.27 .09 28.8 

0 .50 0 6.50 -.72 0 1.15 -.82 1.02           .17 0 31.5 

90 .50 0 -2.77 .55 0 -.20 .14 -.40         -.31 0 13.0 

0 .494 .078 5.88 -.08 -.09 1.12 -.80 .39           .12 .04 33.9 

45 .494 .078 3.74 .07 .20 .80 -.57 1.00        -.12 .10 38.0 

-45 .494 .078 -.09 .35 -.20 -.01 -.01 -.40           .30 .05 26.1 

0 .494 .078 5.88 -.08 -.09 1.12 -.80 1.02           .12 .04 33.9 

90 .494 .078 -2.23 .50 .09 -.18 .13 .02           .31 .02 14.2 

0 .476 .155 4.36 0 -.14 .99 -.70 -.13           .01 .08 40.4 

45 .476 .155 4.71 -.02 .13 1.04 -.74 1.02           .04 .07 39.4 

-45 .476 .155 -1.31 .41 -.13 -.13 .09 .02         -.31 .03 17.2 

0 .476 .155 4.36 0 -.14 .99 -.70 1.01         -.01 .08 46.4 

90 .476 .155 -.96 .39 .14 -.10 .07 .56           .31 .04 18.3 

E    = 
X 

16.41X106 E    =  8 
y 

06X106 
Gxy" 

3.96X106 
vxy = .444 

c 

178.0 

250.0 

KSI 

KSI Y    = 
c 

7.0     KSI 

23.0 KSI 
Failure 

s  =  73.0    KSI 

Load  (PSI)fWhiteside) .2X103 

* Distance and Stresses  in  inches and  KSI,  respectively,  raoduli   in PSI 
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corresponding FL is 25.7 ksi.    The 25.7 ksi result is consistent with Whiteside's experimental 
results of 23.8 ksi.   The fact that graphite stress strain response is linear may account for the ex- 
cellent correlation of analytic and experimental results. Experimental and analytical FL values for 
boron and glass vary by about 35%. This difference could be due to the nonlinearity of material 
response.  It is probably necessary to consider a three-dimensional stress analysis and also to revise 
the assumption of linear behavior for a more accurate determination of failure loads for these com- 
posites.    A statistical approach including volume effects could also be considered as an alternative 
method for evaluation of FL. Incorporation of statistical variability of the strength constants would 
be a cumbersome procedure, and in many cases the required experimental data is lacking. Therefore 
it is expedient to use confidence limits and deterministic computation at the present time. 

CONCLUSIONS 

The Monte Carlo technique was found to be an excellent analytical tool for assessing the con- 
trolling influence of materials variability of SCF. Fortunately, for relatively large variations in 
moduli the mean values of stress concentration factor were found to vary by less than 2%. Predom- 
inating influences were variability of longitudinal and shear moduli. 

While mean values were not very sensitive to variability of input parameters, the probability 
distributions were markedly affected. Dispersion and shape parameters of SCF depend strongly on 
increasing variability in moduli. Obviously this has important implications in designing to pre- 
scribed reliability levels. 

The failure criterion presented and the linear elastic laminate analysis was found to predict 
graphite composite failure response reasonably well. Estimated failure loads for glass and boron 
were not as consistent with reported experimental results. Currently a nonlinear, incremental ply- 
by-ply failure analysis is being conducted to further explore improved failure theories. 
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FAILURE MECHANICS OF FIBER COMPOSITE 

NOTCHED CHARPY SPECIMENS 

C.  C. Chamis 

Lewis Research Center 

Cleveland, Ohio 

ABSTRACT 

A finite element stress analysis was performed to determine the stress variation 

in the vicinity of the notch and far field of fiber composites Charpy specimens (ASTM 

Standard).    NASTRAN was used for the finite element analysis assuming linear be- 

havior and equivalent static load.   The unidirectional composites investigated ranged 
from T75/E to S-Glass/E with the fiber direction parallel to the long dimension of 

the specimen.    The results indicate a biaxial stress state exists in (1) the notch 
vicinity which is dominated by transverse tensile and interlaminar shear and (2) near 

the load application point which is dominated by transverse compression and inter- 
laminar shear     The results also lead to the postulation of hypotheses for the pre- 
dominant failure modes, the fracture initiation, and the fracture process.    Finally, 
the results indicate that the notched Charpy test specimen is not suitable for assess- 

ing the impact resistance of nonmetallic fiber composites directly. 

INTRODUCTION 

The notched Charpy test method has been used extensively to assess the impact 
resistance and the notch sensitivity of unidirectional composites under impact load. 
The use of the notched Charpy test method for assessing composite impact resistance 
has tliree attractive features:   (1) simplicity,  (2) established test procedures (ASTM 
Standard E23-73), and (3) commonality with a successful method for assessing con- 

ventional metal notch sensitivity.   However, the geometry and load application of the 

notched Charpy composite test specimen are such that the specimen is in a biaxial 

stress state and is loaded primarily in short beam shear (interlaminar shear stress). 

This type of load and the relatively low shear strength of unidirectional composites 

results in a high probability of interlaminar shear stress failures.   This type of fail- 
ure does not fracture fibers which provide the maximum impact resistance and, there- 

fore, the test may not be suitable for assessing impacting resistance in nonmetallic 

fiber composites. 
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Although the notched Charpy test specimen has been used for years in testing 

metals and recently in testing composites, no analysis has been performed to deter- 

mine the detailed stress state variation in the notch vicinity.   In general, the physical 
problem of the notched Charpy test specimen is dynamic and nonlinear; solution of this 

problem is difficult.   However, a good first order approximation may be obtained by 

detennining the stress variation in the notch vicinity by assuming linear behavior and 

an equivalent static load.   The detailed stress variation near the notch obtained from 

such a solution should help provide insight and possible identification of predominant 
fracture modes, fracture initiation, and fracture processes.    Therefore, it is the ob- 

jective of this investigation to carry out a detailed stress analysis using NASTRAN to 

determine the stress variation in the notch vicinity of the notched Charpy composite 

test specimen assuming linear behavior and equivalent static load. 

The type of analysis performed, the results obtained, and the interpretation of 

these results relative to fracture modes, fracture initiation, and fracture process of 

the notched Charpy composite test specimen and its utility in assessing composite im- 
pact resistance are described herein. 

ANALYSIS 

The specimen geometry,  the finite element representation, the finite element 
analysis method, and the composite systems analyzed are described in this section. 

Specimen Geometry 

The geometry of the Charpy test specimen (ASTM STD E23-7) is depicted in fig- 

ure 1.   As can be seen in this figure, the overall length of the specimen is 2.164 
inches and the length between supports is 1. 574 inches.    The specimen width is 0.394 
inch.   The specimen unnotched depth is 0.394 inch and the depth at the notch is 0.315 
inch.    The notch is 0. 079 inch deep and has a 45   opening symmetric about the speci- 
men midlength. 

Finite Element Representation 

The specimen is assumed to be symmetric with respect to both geometry and 

loading about its midlength for analysis purposes.    The material properties are uni- 

form, orthotropic, and obey a linear stress strain law throughout the analysis.   In 
addition, the specimen is assumed to be in a state of plane stress.   That is, the 
stresses are permitted to vary along the specimen length and through the thickness but 
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not through the width.   This reduces the stresses to be calculated to three, two normal 
and one shear. 

With these assumptions, plane stress finite elements can be used to model the 
Charpy test specimen and only one-half of its length need be used in the finite element 
representation.   The finite element representation of the specimen and the boundary 
conditions prescribed are shown in figure 2.   As can be seen in this figure, all of the 
elements are quadrilateral except for one triangular element at the notch.   Note that 
the displacement boundary conditions do not permit displacements in the  x  direction 
at the line of symmetry (x = 0) and y  displacements at the support points.   The speci- 
men is assumed to be subjected to static concentrated load at its midlength. 

The statistics of the finite element representation are as follows: 

Number of nodes or grid points  197 
Number of displacement degrees of freedom (DOF) 

(2 degrees of freedom per node)  394 
Number of elements  168 
DOF eliminated using the boundary conditions (7 from   u = 0 

and 1 from   v = 0) 8 
Number of free DOF (394-8)  386 

Finite Element Analysis Method 

The NASTRAN general purpose structural analysis finite element computer pro- 
gram was used for the finite element analysis method.   The specific elements used 
are identified as CQDMEM and CTRMEM in the NASTRAN library-resident elements. 
The triangular element is a constant strain plane element and the quadrilateral com- 
bines four triangular elements, the stiffness of which is generated using the four con- 
stant strain triangular elements internally in NASTRAN together with the appropriate 
anisotropic material properties.    NASTRAN obtains the solution using a displacement 
formulation via rigid format 1.   Only one-half of the concentrated load is needed with 
the half-length of the specimen modeled in the finite element representation. 

Composite Systems Analyzed 

Charpy test specimens made from six different composite systems were analyzed. 
Namely:   Thornel 75/epoxy (T75/E), Modmor i/epoxy (MOD i/E), boron/epoxy (B/E), 
Modmor Il/epoxy (MOD n/E), Kevlar 49/E (KEV 49/E), and S-glass/epoxy (S-G/E). 
The specimens were all unidirectional composites with the fibers parallel to the length 
(x-axis, fig. 1) of the specimen. 
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Figure 2.   ASTM Charpy test specimen - finite element representation 
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The composite systems listed were selected because characterization data and 
Charpy test data for these composites were reported in reference 1.   Tensile and 
shear fracture stress ranges of these composites reported in reference 1 are sum- 
marized in table I.   Typical values for compression fracture stresses and Poisson's 
ratios are shown in table II.   TTie plane stress-strain relationship (stiffness) coeffi- 

LS required for input to NASTRAN are summarized in table III.    The values in 
table III were obtained from the moduli data reported in reference 1 and the Poisson's 
ratio values shown in table II for these composite systems. 

The relationships between the NASTRAN stiffness coefficients (G's), and the usual 
engineering constants are: 

Gii * W(1 - Wm> (1) 

G
12 = "£21G11 = vi 12G22 = G21 (2) 

G22=Ef22/<1-,/n2,/«21> <3> 

G33=Gn2 <4> 

The notation in equations (1) to (4) is as follows:   E*,..   denotes the longitudinal 
modulus,  E«22   the transvers modulus, G.12   the shear modulus, P»    2   the major 
Poisson's, and   i^i   the minor Poisson's ratios.   For an elastic material, the two 
Poisson's ratios are related by the well known relation. 

^2i = yn2Eje22/Em (5) 

RESULTS AND DISCUSSION 

The load conditions used for the analysis and the various stress results obtained 
are described in this section.   The stress results include:   (1) stress variation in the 
notch vicinity and comparisons with those predicted by simple beam theory;  (2) typical 
interlaminar shear stress contours; and (3) typical bearing stress variation near the 
support. 

Load Conditions 

Two sets of loads were used in determining stress variations near the notch.   The 
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TABLE I   - MEASURED FILM Tl RESTRESS RANGES (KSI) (REF. 1) 

CompQ LongituHin.il Transverse Intt tkiniinnr 

tensile tensile Short beam Torsionai rod 

High Hi£ l.DU High Low High Low 

Thornel 75/epoxy I 12 4.5 3.8 7.8 7.8 7.3 1.0 

(T75/E) 

Modmore 1/epoxy L46 129 5.1 5.0 8.2 7.2 6.8 

(MOD I/E) 

Boron/epoxy 222 205 9.3 7.2 15.3 11.7 13.2 12.8 

(B/E) 

Modmore H/epoxy 161 146 6.0 5.8 10.3 9.4 10.8 10.0 

(MOD ri/E) 

Kevlar 49/epoxy 170 3.7 2.4 6.9 6.8 5.0 -1.0 

(KEV 49/E) 

S-glass/E^ 222 216 14.0 12.0 U 0 12.6 17.1 16.7 

(S-G/E) 

TABLE II. - TYPICAL COMPRESSION FRACTIRF S TKi 
A N D POISSON'S RATIO 

Composite 

system 

Compression fxmctai Poisson's ratio 

Longitudinal 0<si) Tran> 

T75/E 130 20 0.36 

MOD 1/E 128 28 .34 

B/E 232 18 .41 

MOD 11/E 180 30 .35 

KEV49/E 42 9 

S-G/E 110 25 .36 

TABLE III. - NASTHAN PLANE STRESS-STRAIN 
RELATIONSHIPS 

Coni| st nun coclticHiit (10    psi) (trthotropy ratio, 

system 
Gll Gll G22 G33 

Gll/G22 

T75/E 38.0 0.41 1.16 0.63 33 

MOD I/E 30.6 .40 1.17 .70 26 

B/E 30.0 1.95 6 

MOD 11/ E 19.4 .40 1.13 .59 17 

KEV49/E 11.5 .39 .85 .39 14 

S-G/E 8.79 1. 17 3.26 1.27 3 

Gll   (i12 

(;-l G22 

'Ml 
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first set of loads was selected to produce fracture in the specimen under an equivalent 
static load.   The stress state generated from this load can then be compared to the 
fracture stress of the composite.   The procedure for selecting this load is as follows: 

1. Assume the longitudinal tensile stress at the notch root produces fracture. 
2. Use the simple beam formula 

P = (bhV6£)S CUT (6) 

where  P   is the load used for the NASTRAN stress analysis; b  is the specimen width 
and is equal to 0.394 inch; h  is the specimen thickness at the root and is equal to 
0.315 inch; ft   is the specimen length to the edge of the support and is equal to 0.787 
inch; and  SniT  is the longitudinal tensile-fracture stress of the composite. 

Substituting these numerical values in equation (6) yields 

P = 0.00828 S U1T (7) 

3. Substitute for  Sn 1T  in equation (7) the longitudinal fracture stress from 
table I.   The results for the composite systems investigated (rounded to the nearest 
M5") are:   (stress variations for other loads are obtained by direct ratio). 

Composite system Equivalent static Value selected 

fracture load, 
lb 

from table I 

T75/E 1275 High value 

MOD I/E 1070 Low value 

B/E 1770 Average 

MOD 11/E 1270 Average 

KEV 49/E 1340 Average 

S-G/E 1810 Average 

The second load set was assumed to be constant (1320 lb) for all composite speci- 
mens.    This constant load was selected in order to compare the stress state variation 
near the notch root and thereby assess the influence of the different composite sys- 
tems. 
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Stress Variation in the Notch Vicinity 

The stress variation produced by the equivalent static fracture load for T75/E is 
plotted in figure 3 (a - longitudinal; b - transverse; c - shear).   In this and subsequent 
figures the specimen depth is plotted as ordinate and the stress magnitude as abscissa. 
Each stress is plotted at three different span sections near the notch vicinity denoted 
by  x = 0.025, 0. 075, and 0.125 inch,  respectively.   The notch root is at x = 0 (fig. 2). 

Both the composite transverse fracture stresses tensile (low value (table I) and 
compression (table II)) are shown in figure 3(b).   The interlaminar shear fracture 
stress is shown in figure 3(c).   The corresponding longitudinal fracture stresses are 
not shown because they are beyond the scale of figure 3(a). 

The important points to be observed from the calculated results in figure 3 on a 
comparative basis and in conjunction with the data from tables I and II are: 

1. The longitudinal stress (fig. 3(a)) near the notch root is tensile and is about 
50 percent of the corresponding fracture stress (72 ksi compared to 142 ksi, low value 
table I).   This relatively low longitudinal tensile stress will not produce fiber frac- 
tures. 

2. Longitudinal tensile stress (fig. 3(a)) of considerable magnitude is present in 
the notch vicinity below the notch root line. 

3. The transverse stress (fig. 3(b)) is tensile in the notch root vicinity and ex- 
ceeds the composite corresponding fracture stress. 

4. Relatively high longitudinal compressive stresses are present near the load 
application point (fig. 3(a)) (140 ksi versus approximately 130 ksi for the correspond- 
ing fracture stresses). 

5. The transverse stress (fig. 3(b)) is compressive near the load application point 
and its magnitude exceeds the corresponding composite fracture stress. 

6. The interlaminar shear stress has magnitudes which exceed the corresponding 
fracture stress below and above the notch line and especially near the load application 
point (fig. 3(c)). 

The high compressive stresses near the load application point, the high trans- 
verse tensile stress near the notch root, the interlaminar shear stress sign reversal, 
and the large magnitude of the interlaminar shear stress are not intuitively obvious 
results from simple beam theory. 

The important conclusion from the above observations is that the equivalent static 
load is sufficient to cause fracture near the notch root and near the load application 
point.   Near the notch root the critical stresses are transverse tensile and interlami- 
nar shear.    Near the load application point the critical stresses are transverse com- 

200 



pression and interlaminar shear.   Both of these combinations are likely to produce 
local delaminations prior to fiber fractures. 

The stress variations near the notch root and near the load application points cor- 
responding to figure 3 are shown in figure 4 for MOD i/E, in figure 5 for KEV 49/E, 
and in figure 6 for S-G/E.    The corresponding fracture stresses are shown in a simi- 
lar manner as in figure 3.   Though stress variations are not shown here, those for 
B/E are similar to MOD i/E and those for type A/E are similar to MOD Il/E. 

As can be observed from the plots in figures 4 to 6 the stress variations are sim- 
ilar to corresponding ones in figure 3.   It is important to observe, however, the large 
stresses (longitudinal compression, transverse compression, and intralaminar shear) 
in the KEV 49/E specimen (fig. 5) relative to the corresponding fracture stresses. 
Based on the conclusions following the discussion of the results in figure 3, the 
KEV 49/E specimen would probably start delaminating at very low values of the equiv- 
alent static load.   Observe, also, the relatively high stresses in the S-G/E specimen 
(fig. 6) for trans verse compression and interlaminar shear compared to corresponding 
fracture stresses.    This specimen, too, will probably start delaminating at low values 
of the equivalent static load. 

Interlaminar Shear Stress Contours 

It was noted in the previous discussion that the interlaminar shear stress is im- 
portant in initiating fracture by delamination in Charpy composite specimens.   It is of 
interest, therefore, to see the variation of this stress through the thickness and along 
the length of the specimen.   Such a variation is best illustrated graphically by stress 
contour plots. 

The interlaminar shear stress contour plot for KEV 49/E is shown in figure 7. 
Peak values are noted with an asterisk in this figure.   As can be observed in figure 7 
the inteiiaminar shear stresses are relatively high compared to the corresponding 
fracture stress of 6.8 ksi from table I.   A possible conclusion from this observation 
is that once delamination is initiated it is probably driven subsequently by the high in- 
terlaminar shear stress present through the whole length of the specimen. 

Interlaminar shear stress contour plots for the other specimens are similar to 
that of the KEV 49/E and are not shown here.   The magnitudes of the stress contours 
depend on the load.   However, the observations and conclusions are the same as those 
already made for the KEV 49/E specimen. 
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Comparisons with Simple Beam Theory 

Stress variations in the notch vicinity predicted by the finite elemen stress analy- 
sis for the composite specimens investigated and for the same load are compared with 
those predicted using simple beam theory. Stress variation based on both full and re- 
duced sections are calculated using the simple beam theory. 

Comparison results for the longitudinal stress are presented in figure 8 for two 
vertical sections:   x = 0.025 inch, figure 8(a) and  x = 0. 075 inch, figure 8(b).   In this 
figure, the stress variations predicted by the simple beam theory equation 

a   = 12 P(0.787 - x)3/bh2 (8) 

are shown by straight lines for both the full and reduced sections.   The important 
points to be observed from the results in figure 8 are: 

1. The longitudinal stress variation predicted by the finite element is approxi- 
mately the same for all the composite systems. 

2. The simple beam theory predicts stress variations, relative to those of the 
finite element, which are: 

a. Unconservative above the notch root when the full section is used. 
b. Conservative below the neutral plane and near the top when the reduced 

section is used. 
The conclusion from the above observations is that simple beam theory predicts 

longitudinal stress variations in the notch vicinity of Charpy specimens which are in 
considerable error (as much as 100 percent) when compared to finite element results, 
and this theory is therefore inadequate to predict these stresses. 

Comparison results for the interlaminar shear stress are presented in figure 9 
for two vertical sections:   x = 0.025 inch in figure 9(a), and  x = 0.125 inch in fig- 
ure 9(b).   Note in these figures the stress variations predicted by the simple beam 
theory equation 

HI] T*y=^' 

using the reduced section only, are shown as parabolas.   The important points to be 
observed from the results in figure 9 are: 

1. The interlaminar shear variation nearest the notch (x = 0.025 in. or less than 
the notch depth, fig. 2), depends on the composite system, and appears to be inversely 
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proportional to the ratio   G..../G22 table III, also   E^ii/Epa?   as ma^ ^e deduced from 

equations (1) and (3). 
2. The simple beam theory does not predict the interlaminar shear stress varia- 

tion near the notch at sections closer than the notch depth. 
3. The interlaminar shear stress variation appears to be insensitive to composite 

system at sections which are beyond 1. 5 times the notch depth (fig. 9(b)). 
4. The simple beam theory predicts interlaminar shear stress variations above 

the notch root which are comparable to those predicted by the finite element analysis 
at sections which are beyond 1. 5 times the notch depth (fig. 9(b)). 

The conclusion from the above observations is that simple beam theory with re- 
duced section can be used to predict the interlaminar shear stress variation at sec- 
tions which are 1. 5 times the notch depth beyond the notch. 

Comparison results for the transverse, or through-the-thickness normal stress 
(y-direction, fig. 2) variations for the various composites are presented in figure 10 
for one vertical section (x = 0.025 in.).   As can be seen in this figure, this normal 
stress near the notch root depends on the composite system.    The magnitude of this 

normal stress appears to be inversely proportional to the orthotropy (Eßii/Ef22^ 
ratio as was the case for the interlaminar shear stress.    No comparisons with simple 
beam theory are shown because the simple beam theory does not predict this stress. 
The following observations are worthy of note from figure 10: 

1. The transverse, or through-the-thickess normal stress (y-direction, fig. 2) is 
insensitive to composite system above the neutral plane (above specimen depth 
0.24 in.). 

2. The transverse, or through-the-thickness normal stress (y-direction, fig. 2) 
approaches large compressive magnitudes near the load application point and probably 
starts inducing local failures at relatively low load values. 

Bearing Stresses Near Support 

Typical bearing stress variations through the depth near the support are shown in 
figure 11 for Charpy composite test specimens.   The bearing stress variations are 
shown in figure 11(a) for the three sections noted in the schematic in figure 11(b). 

It can be seen in figure 11(a) that the bearing stress is very high near the support 
and decays rapidly through the depth and away from the support.    The bearing stress 
near the support is of sufficient magnitude to produce local damage in some compo- 
sites.    This is readily established by comparing the transverse compression fracture 
stress from table II with curve A (fig. 11(a)).   The local damage near the end support 
will most likely be a local indentation which will contribute to the lateral displacement 
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(y-direction, fig. 2) at the beam midlength.   It is important to note that simple beam 

theory does not predict either the local damage near the support or its contribution to 
the lateral displacement. 

The important conclusion from the previous discussion is that the bearing stresses 

near the support are of sufficient magnitude to produce local damage in Charpy compo- 
site test specimens. 

FRACTURE MODES 

The previous discussion dealing with the stress variations near the notch of 

Charpy composite test specimens leads to the following hypotheses for fracture modes, 

fracture initiation, and fracture process in nonmetallic fiber composites. 

Fracture Modes 

The hypotheses for predominant fracture modes are: 
1. Interlaminar shear below the notch root 

2. Transverse tension combined with interlaminar shear at the notch root and 

followed by possible fiber fractures 

3. Transverse compression combined with interlaminar shear and longitudinal 

compression near the load application point 
4. Interlaminar shear near the specimen center 

Fracture Initiation 

The hypothesis for fracture initiation in Charpy composite test specimens is as 

follows: 
1. Near the notch root, fracture initiates when a combination of transverse ten- 

sile and interlaminar shear exceed their corresponding fracture stresses (critical 

values). 
2. Near the load application point, fracture initiates when a combination of trans- 

verse compression, interlaminar shear, and longitudinal compression exceeds the 
corresponding fracture stresses. 

3. Near the specimen center, fracture initiates when the interlaminar shear 
stress exceeds the corresponding fracture stress. 

It is important to note that fracture may initiate sequentially or simultaneously in 

the three locations described above.   A nonlinear analysis is required to determine the 

sequence of fracture initiation at these three locations. 
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Fracture Process 

The hypothesis for the fracture process in the Charpy composite test specimen is 

as follows: 
1. The high interlaminar shear stresses cause delamination and thus free sur- 

faces near the notch root and near the load application point. 

2. The delaminated surfaces reduce the specimen section to progressively thinner 

sections.    Each delaminated thin section acts as an independent thin beam and contin- 

ues to carry load in flexure. 
3. The process continues, probably simultaneously, from both top and bottom to- 

wards the center until the specimen fractures completely either by delamination or 

fiber fractures or possible combinations of both. 

It is noted at this juncture that direct proof of the above three hypotheses would 

require nonlinear and detailed fractographic analyses both of which are not part of this 

investigation's objectives. 

A logical conclusion from the discussion of the above hypotheses and the results 

of the detailed stress analysis is that the notched Charpy test method is not suitable to 

assess the impact resistance of nonmetallic fiber composites directly.   Its most ser- 

ious drawback is that the predominant initial failure modes are combinations of trans- 
verse tensile or compression with interlaminar shear.    Neither of these modes 

stresses the composite to its maximum efficienty which is only achieved when fiber 
fracture occurs. 

SUMMARY OF RESULTS AND CONCLUSIONS 

The major results of the NASTRAN linear stress analysis of ASTM notched 
Charpy unidirectional composite test specimens are as follows: 

1. The critical stresses near the notch root are transverse tension and interlami- 

nar shear. 
2. The critical stresses near the load application point are transverse compres- 

sion and interlaminar shear. 

3. The simple beam theory is not adequate to predict longitudinal and interlaminar 
shear stresses near the notch. However, this theory may be used to predict the inter- 
laminar shear stress at sections beyond 1. 5 times the notch depth. 

4. Both the interlaminar shear stress and the transverse tensile stress variations 
near the notch root depend on the composite system.    Their magnitudes appear to be 

inversely proportional to the orthotropy ratios (E.. ./E.™) f°r me same load. 
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5. The bearing stresses have high magnitudes near the support point and may 

cause local damage possibly in the form of indentation.    These stresses decay rapidly 

away from the support and appear to be independent of the composite system. 

6. The hypotheses formulated for fracture modes, fracture initiation, and frac- 

ture process are as follows:   The dominant fracture modes are transverse tension, 

transverse compression, and interlaminar shear.    Fracture initiates when combina- 

tions of these stresses reach critical values.   The interlaminar shear stress causes 

free surfaces via delaminations which tend to reduce the specimen to thinner flexural 

type specimens.    The process continues until the specimen fractures completely either 
by delamination, or fiber fracture, or possible combination of both. 

7. The notched Charpy test method is not suitable for assessing the impact resis- 
tance of nonmetallic fiber composites directly. 
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ABSTRACT 

This paper describes the results of an experimental inves- 
tigation of the fatigue characteristics of a [027*45]g boron-ep- 
oxy laminate containing an unloaded, circular hole.  The study 
focuses upon characterization of the fatigue damage incurred 
and its influence upon axial tensile residual strength.  Two ap- 
parent anomolies in the fatigue behavior for this laminate were 
observed.  First, the fatigue damage was observed to propagate 
tangent to the edge of the notch (parallel to the direction of 
the load) in contrast to propagation in contemporary metallic 
materials which is perpendicular to the load direction.  Second, 
the residual strength characteristics for the laminate have re- 
vealed a significant increase in residual strength subsequent to 
a fatigue loading of 500,000 cycles at R=0.1 and S=0.8 and 0.67 
(S=maximum stress/static ultimate).  Failure Analyses of the 
fatigue damage are conducted utilizing ultrasonic "C" scan tech- 
nicues. 

INTRODUCTION 

The static strength of notched composite laminates contain- 
ing either circular holes or slit notches has received consider- 
able attention in the recent literature.  Waddoups et al. [1] and 
Whitney [2] showed that the static strength of notched laminates 
which exhibit collinear (transverse to the direction of the 

Supported by National Aeronautics and Space Administration, 
Langley Research Center, under contract no. NAS1 - 13931 to 
Materials Sciences Corporation. 
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load, Mode I) crack propagation can be predicted with a two para- 
meter model.  The first parameter is an intrinsic laminate 
strength property while the second accounts for geometric effects, 
Both models successfully predict the dependence of laminate 
strength upon hole size. 

Another failure model for notched composite laminates has 
been developed  (See  Refs. 3, 4 and 5) which treats axial (in 
in direction of the load, Mode II) as well as, collinear crack 
propagation and considers the non-linearity (if present) of the 
in-plane shear stress-strain behavior by approximating the re- 
sponse as elastie-perfectly plastic.  Damage of this form was 
first observed by Durchlab and Freeman [6],  Thus, in addition 
to the above two parameters, two more parameters (in-plane shear 
strength and ultimate strain) are needed in order to predict 
Mode II crack growth. 

Based on the static failure model of Reference [5] and the 
mechanistic wearout concept, a fatigue failure model was con- 
structed in Reference [7] for notched composite laminates.  The 
experimental verification of this model and an analytical/experi- 
mental correlation study were the principal aims of the current 
effort (Ref. [8])  Salient features of the analysis and its 
correlation with experimental results have been presented in [9]. 
The present paper examines the experimental aspects of the pro- 
gram.  Specifically, the phenomenon of axial damage propagation 
during fatigue loading and the resulting increase in residual 
notched strength is investigated. 

EXPERIMENTAL PROCEDURE 

Test specimens were fabricated from boron-epoxy laminates 
manufactured by Composite Materials Corporation utilizing 4.0 
mil. boron fiber and 3M Company SP296 resin system.  Scotchply® 
tabs were bonded to each end of the laminate and test specimens 
were cut from the plate with a precision diamond waffering saw. 
Circular holes were machined in the test specimens employing 
the diamond core drill apparatus.  Specimen dimensions are 
12.0 inches in length, 1.5 inches in width, and approximately 
0.04 inches in thickness. 

For fatigue loading the test specimens were mounted in the 
Model 1321 Instron Servo-hydraulic test system.  The test system 
allows for control of specimen load, displacement or strain over 
a load range of 0-±5000 Kg and a frequency range of 0-50 hertz. 
In addition, the mini computer facilitates  computer-controlled 
testing. 

In order to avoid penetrating the test specimens in the re- 
gions of the grips, special friction grips were designed and 
manufactured.  Graph paper attached to the specimen allowed axial 
laminate damage to be monitored during the test.  The fatigue 
test conditions for test program were:  sinusoidal loading 
function, ratio of minimum load to maximum load R=0.1, frequency 
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of 30 hertz, temperature 75°F, and approximately 50% relative 
humidity.  Specimens were instrumented with electrical resistance 
strain gages after cycling for measurement of residual properties, 

TEST RESULTS 

Static properties of the [02/
±45]s boron-epoxy laminate 

were measured utilizing the grips  described earlier, and Instron 
model TTC static test machine, and electrical resistance strain 
gages.  Each specimen was instrumented with an axial and trans- 
verse gage (1/8 inch) midway between the circular notch and grips, 
In addition, a 1/16 inch gage was mounted adjacent to the circu- 
lar hole.  Results of the static tests are summarized below in 
Table I.  The failed specimens are shown in Fig. 1. 

TABLE I 

Specimen 
Ultimate 
Stress 

65,850 psi 

63,800 psi 

67,282 psi 

Ultimate 
Strain 

3750 in/inxlO-6 

3755 in/inxlO-6 

3575 in/inxlO-6 

Ultimate Strain 
at Notch 

4BCL1 

4ACL2 

4CL2 

6700 in/inxlO"6 

6850 in/inxlO"6 

6100 in/inxlO"6 

AVG. 65,640 psi 3693 in/inxlO"6 6550 in/inxlO"6 

Effective laminate properties determined from three unnotched 
laminate tests were found to be as follows:  Young's Modulus, 
17.78xl06 psi and Poisson's Ratio, 0.69.  These results were 
found to be in good agreement with analytical predictions of 
laminate properties. 

The results presented in Table I reveal a strain concen- 
tration factor at the edge of the hole equal to 1.77.  However, 
if the analytic solution by Savin [9] for state of strain  in the 
vicinity of a circular hole in an orthotropic plate is examined, 
the theoretical strain concentration factor is found to be 3.48. 
The difference between the theoretical and observed strain con- 
centration factors can be attributed to the large strain gra- 
dient in the vicinity of the hole.  Figure 2 shows the theoreti- 
cal strain profile for such an orthotropic laminate.  Clearly, a 
1/16 inch strain gage will yield an average strain in that region 
and result in an observed strain concentration considerably less 
than 3.48.  The results presented in Figure 2 show that a 1/16 
(.0625) inch gage located in the region .006<Y-D/2<.0685 would 
yield a strain concentration factor of 1.77.  Hence, the ob- 
served average strain concentration  from the test results is 
consistent with theoretical predictions. 

Specimens 4BCL1, 4ACL2, and 4CL2 are shown in Figure 3 
after static fracture.  It should be noted that the fracture for 
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Fig. 2 Axial Strain Distribution 

Fig. 3 Axial Fatigue Damage 

each of the specimens passes 
through the point of maximum 
strain concentration.  No 
branching of the fracture was 
observed nor did the specimens 
exhibit damage parallel to the 
fiber direction in the 0° sur- 
face layers. 

The fatigue test program is 
summarized in Table II. 

The fatigue program con- 
sisted essentially of examining 
the residual strength of 
[02/±45]s boron-epoxy laminates 
containing 1/4 inch circular 
notches after being subjected to 
fatigue loadings wherein S 
ranged from 0.67 to 0.80 and the 
«number of cycles, N was varied 
from 5xl04 to lOxlO6. 

The most apparent fatigue 
damage observed during the test 
program was axial cracking ema- 
nating from the position (0, D/2) 
and propagating parallel to the 
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Fig. k    Axial Crack Grovth (S=0.8) 
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Fig. 5 Axial Crack Grovth (S=0.6T) 

load direction.  The length of 
the axial cracks was observed to 
increase with increased cycles. 
This phenomenon is observed in 
Figure 3 where three specimens 
have been photographed after 
5xl04, 5xl05, and 1.5xl06 cycles. 
Graphical scales attached to 
each specimen allow the length 
of the axial crack to be moni- 
tored continuously during the 
test.  It should be noted that 
no damage in the region of the 
hole and perpendicular to the 
load direction is observed in 
Figure 3.  Axial crack length 
was measured from X=0 in each 
of the four quadrants and on 
both sides of the specimens. 
These data are presented in 
Figure 4 for S=0.8.  It is in- 
teresting to note that both the 
mean crack length and scatter 
in crack lengths increase with 
increasing number of cycles. 
Figure 5 shows axial crack 
growth data for an S level of 
0.67.  The growth rate at S=0.67 
is seen to be considerably less 
than that of S=0.80.  For exam- 
ple, after 5x10^ cycles the mean 
crack lengths for S=0.67 and 
0.80 were found to be 0.7 and 
1.86 cm, respectively. 

After each test specimen 
had been subjected to its given 
fatigue load conditions, it was 
instrumented with electrical re- 
sistance strain gages and tested 
for residual strength properties. 
Figure 6 shows a photograph of 
specimen 4BL2 (S=0.8, N=5xl05) 
after residual strength test. 
The photograph reveals that un- 
like the failure of the speci- 
mens subjected to no prior fa- 
tigue loading (Figure 1), the 
fracture for specimen 4BL2 does 
not pass through the hole.  In 
addition, it would appear that 
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TABLE II 

[02/±U5]g B/Ep Fatigue Test Results 

Ult. 
Failure Ult. Ult. Strain i 
Site Max/Ult. Stress Strain Notch 

Specimen x,  in Stress Cycles (ksi) (u  in/in) (u in/in) 

I*ACLI 0.05 0.80 
k 

5x10 67.9 1*150 6800 

UACR2 0.10 0.80 
k 

5x10 76.5 1*220 7070 

I*BLI 0.05 0.80 5x10 71.5 U175 6950 

1*BL2 0.50 0.80 5xl05 79.0 1*700 6700 

UCCL2 0.25/0.10 0.80 5xl05 81.2 1*550 7350 

1*DR3 0.12 0.80 5x10 5 66.1* 1*550 7500 

1+CR2 0.30 0.80 1.5x10 82.7 1*900 851*0 

1*AR1 0.15 0.80 1.5x10 71.0 14 500 6900 

1*DR2 0.10 0.67 5xl05 63.5 1+550 6550 

1*AL2 0.05 0.67 5xl05 72.3 1+360 7100 

1*BCR2 0.10 0.67 5xl05 
72.7 1*1*00 7000 

tola 0.12 0.67 1.5x10 6l.k 1*550 7150 

1*BC2 0.00 0.67 1.5xl06 71. h 1*1*00 7550 

UBCR1 0.12 0.67 1.5x10 77.3 1*600 7250 

1+AR2 0.20 0.67 10x10 77.5 1*1*50 6900 

1*DL2 0.20 0.67 10x10 80.9 51*70 8850 

1*AL1 0.10 0.67 10x10 77.7 1*975 7200 
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the region of the 0° surface 
layers between the axial fatigue 
cracks delaminated either during 
the fatigue loading or during 
the residual strength test.  The 
random perpendicular crack in 
the surface layers near the hole 
is thought to be the result of 
the dynamics of laminate frac- 
ture and not to have played an 
important role in failure ini- 
tiation.  The fracture of spec- 
imen 4DL2 (S=0.67, N=107) shown 
in Figure 7 is also quite dif- 
ferent from the static test 
fractures snown in Figure 
1.   Although  the  fracture 
passes through the edge of the 
hole, it does not pass through 
the point of maximum stress con- 
centration as might have been 
expected.  Hence, like specimen 
4BL2 the fracture site of speci- 

Fig. 6 Residual Strength, 5x10^     men 4DL2 has moved away from 
Cycles, S=0.K point (0, D/2) , the point of 

initial static failure. 
In order to determine the 

extent of fatigue induced de- 
lamination in the vicinity of 
the circular notch, ultrasonic 
"C" scans were made of test 
specimens prior to residual 
strength tests.  Figure 8 shows 
scans of two typical specimens. 
The photograph shows that de- 
lamination occurs only in a re- 
gion equal in width to the dia- 

ä  meter of the hole and located 
between the axial fatigue cracks. 

_1  The axial dimension of delamina- 
O  tion was found to vary from 
^3"  specimen to specimen as shown in 

Figure 8.  For example, test 
specimen 4CL1 was found to de- 
laminate virtually the entire 
length of the specimen prior to 
failure.  The fracture of speci- 
men 4CL1 (S=0.8, N=1.5xl06)  is 

7shown  in  Figure   9.     It  is   sig- 
Fig.   7    Residual Strength Fracture 10' nificant   to  note   that  the   frac- 
Cycles,  S=0.6T 
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4AR1 
1.503.000 

4CR2 
1.500.000 

Fig. 8 Typical Ultrasonic "C" Scans 

Fig. 9 Delamination Damage, 1.5x10° 
Cycles, S=0.8 

ture of this specimen could be 
considered to be virtually un- 
affected by the presence of cir- 
cular hole in the laminate due 
to the large distance between 
the hole of the fracture site.The 
only effect of the hole is due 
to the delamination which ini- 
tiates at the hole boundary. 

Having instrumented each 
of the test specimens to monitor 
strain at the edge of the hole 
and at a far field position, it 
is possible to examine changes 
in strain distribution and ulti- 
mate strain which result from 
fatigue loading.  Figure 10 
shows both the strain concentra- 
tion factor at failure and the 
ratio of ultimate strain to far 
field strain as a function of 
number of cycles.  Several phe- 
nomena are observed in Figure 10. 
First, the influence of S level 
(max stress/ultimate stress) 
upon these results appears to be 
of second order.  Second, the 
apparent strain concentration 
diminishes with increased number 
of cycles.  This result implies 
a change in strain distribution 
due to damage propagation or 
local changes in material pro- 
perties.  Finally, the ultimate 
average strain at the edge of 
the hole increases with increas- 
ing number of cycles.  This 
could only be the result of a 
local reduction in laminate 
stiffness accompanied by a re- 
duced stress concentration. 
Hence, the fatigue loading is 
found to change the properties 
in vicinity of the notch to the 
extent that laminate residual 
strength increases with increas- 
ing number of cycles.  In cer- 
tain cases, the residual lami- 
nate strength can approach net 
section strength with increasing 
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Characteristics 

number of cycles. However, even- 
tually material "wearout" will 
begin to dominate laminate be- 
havior and the residual strength 
can be expected to diminish with 
increased fatigue cycles. 

The analytical predictions 
of the residual strength of 
notched composite laminates from 
Reference [8] are compared with 
the experimental results for 
S=0.8 and 0.67 in Figure 11. 
These results indicate that the 
model predicts the observed 
axial crack initiation followed 
by an increase in residual 
strength approaching net section 
strength followed by a gradual 
strength decay due to wearout. 

•Since the model relies upon 
lamina fatigue data as input for 
prediction of laminate fatigue 
response, it is not surprising 
that the predictions exhibit ex- 
cellent qualitative form but 
suffer in the quatitative pre- 
dictions of life.  Improved lam- 
ina fatigue data should enhance 
the predictive ability of the 
model. 

CONCLUSIONS 

13- 

12- 

tl - 

10 — 

09- 

OUt' 

07 

06 - 

OS 

04 

03 — 

NTT «CTIOKAi. STIWN8TM 

A mum 

D »'Ot 
O   »«0.«T 

A   MTWUf  FU.UM 

to1 10* 10* 

NUMMft OF CYCLES 

10* to* 

Fig. 11 MSC Model Correlation 

An experimental investiga- 
tion of the residual strength 

Jcharacteristics of the [02/±45]s 
boron-epoxy laminate containing 
a 0.25 inch diameter circular 
hole and subjected to a sinu- 
soidal loading R=0.1 and fre- 
quency of 30 hertz has been 
undertaken.  Evidence has been 
presented which shows that the 
residual strength of such a 

1oT specimen approaches net section 
strength followed by the onset 
of wearout.  Increases in re- 
sidual strength are due to 
changes in "local" material pro- 
perties near the hole or to 
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fatigue damage in the form of axial cracks in the surface layers 
parallel to the load direction and delamination of the surface 
layers.  The reduction in local material properties results in 
an observed reduction in strain concentration factor accompanied 
by an increase in ultimate strain. 

Experimental evidence indicates that math models for pre- 
diction of notched laminate residual strength must consider 
local changes in material properties, as well as, multiple modes 
of damage propagation.  Correlation of experimental data with 
one such recently developed model shows promising agreement both 
in residual strength and life. 
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FRACTURE BEHAVIOR OF CROSS-PLY COMPOSITE MATERIALS 

JOHN M. SLEPETZ 
Civil Engineer 
Army Materials and Mechanics Research Center 
Watertown, Massachusetts 02172 

ABSTRACT 

Fracture experiments were carried out on cross-ply laminates of S-glass/epoxy and 
graphite/epoxy. Compact tension specimens were tested in which quantitative as well as qualitative 
observations were made on the damage zone developed at the specimen crack tip. Test results gen- 
erally showed that a zone of significant size developed and influenced subsequent fracture behavior. 
In graphite/epoxy specimens the presence of the zone resulted in higher apparent compliance and 
fracture toughness values. In glass/epoxy specimens the damage zone dominated behavior to the 
extent that crack extension did not occur, but instead the damage zone continued to grow with in- 
creased load. Failure of glass/epoxy laminates appeared to be too complex to be predicted by the 
usual fracture mechanics approach. 

INTRODUCTION 

Failure of notched, fiber-reinforced laminates under tension loading usually occurs by one of 
two dominant failure modes: either by delamination, characterized by relative sliding of adjacent 
plies, or by propagation of a sharp crack or crack system throughout the laminate after build-up of 
a characteristic damage zone. The nature of failure usually depends on the fiber properties, lami- 
nate configuration, and orientation of the tension load with respect to the laminate material axes. 
This study is concerned with tension-dominant failure in composite laminates. Fracture experiments 
were conducted with one objective being to determine the effect of damage zone build-up at the 
notch or crack tip on the nature of failure behavior and the magnitude of applicable failure param- 
eters (critical load, fracture toughness, etc.).   A second objective was to consider ways in which 
a conventional fracture mechanics approach could be modified to characterize tension failure in 
notched, cross-ply laminates. Previous attempts to apply fracture mechanics to composites [1-51 
have either ignored the effect of damage zone build-up prior to fracture, or have accounted for it 
indirectly through a crack length correction or characteristic size effect factor. In the present study, 
the extent and nature of crack tip damage in compact tension (CT) specimens was observed for two 
distinctly different cross-ply materials in order to evaluate the suitability of such an approach. 

EXPERIMENTAL PROCEDURES 

Materials and Specimens 

Cross-ply laminate panels were manufactured by standard tape lay-up and autoclave cure pro- 
cedures. The materials employed were 1002S Scotchply* S-glass/epoxy, Modulitet 5208 and 5206 
high-strength graphite/epoxy (MOD II), and MOD II graphite fibers in a BP907 resin matrix. 
Panels of the latter two material systems were fabricated in-house, and the other panels were made 
commercially. The 5208 and 5206 MOD II panels were eight plies thick in a [90, O] 2s laminate 
sequence. The MOD II/BP907 panels were seven plies thick with alternating zero and ninety-degree 
plies. The 1002S panels were 12 plies thick and were fabricated in a [902, O] 2S configuration. 

* Trade name, 3M Company 
t Trade name, Whittaker Division of NARMCO 
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The elastic properties of the four laminates used in the fracture experiments are given in Table I 
along with the laminate type designation which will be used hereafter in this paper. 

TABLE I. LAMINATE PROPERTIES 

Laminate 
Type 

i 

Material 
El 

lb./ 

E2 

'in.2x 106 

G12 /M2 

A 1002S   Scotchply 
[902,O]2s 3.55 5.20 1.02 .110 

B MOD 11/5208 graphite/epoxy 
[90,O]2S 12.1 12.1 0.95 .035 

C MOD 11/5206 graphite/epoxy 
(90,O]2S 10.5 10.5 0.88 .035 

D MOD II/BP907 graphite/epoxy 
[90,0,90,0,90,0,90] 9.86 12.8 - .180 

The tension properties; Ej,E2, and JUJ2, were determined on 0.75 x 9 in. coupons. The in-plane 
shear modulus, Gj2, was determined using 1.5 x 6 in. specimens loaded in four-point asymmetrical 
bending. 

The CT specimen configuration used in the fracture experiments was the same as reported in 
Reference 6.   The nominal dimensions were 4 x 3 in. with an initial notch length of 0.75 in. All 
specimens were machined with the outer plies oriented at 90° to the loading direction. To prevent 
out-of-plane buckling during fracture tests the specimens were clamped between lubricated steel 
plates, 0.125 in. thick. Eight specimens of each laminate type were tested in this manner except 
in the case of the type D laminate, of which four specimens were tested. Compliance and fracture 
toughness data for an additional eight type B specimens reported in Reference 6 was also used in 
the results of this study. 

Fracture Test Procedure 

The CT specimens were loaded quasi-statically in a fixed grip mode at a cross-head speed of 
0.01 in./min. The usual compliance calibration procedure was generally followed. Load versus 
load point displacement was recorded, and crack length was measured by means of a traveling 
microscope. The compliance relationship with crack length was found by a least-squares fit to the 
equation 

C    =    A, (a/W)    +    A2(a/W)2     +    A3 1 + a/W + (a/W)2 

(l-a/W)3 
(1) 

in which C is compliance, a is crack length, W is specimen width measured from the load line. A|, 
A2, and A3 are the constants determined from the least-squares fit.  Eq. (1) can be differentiated 
to give dC/da from which the strain energy release rate,G, can be determined. 
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That is, 

q    =    (F2/2t) (dC/da) C) 

where F is the applied load and t is the specimen thickness. The strain energy release rate of an 
elastic, orthotropic material is related to the stress intensity factor, K, in the crack opening mode 
[7] by 

(}    =    K2(AnA22/2),/2     [(A22/An)^ + (2A12 + A66)/An]l/2 (3) 

where Aj |, Aj2, etc., are the elastic constants associated with the principal material directions, 
and the crack is aligned in the 1 - direction.  By letting 

E' =    {<AllA22/2> [(A22/All)'/j+ (2A12 + A66)/A66]}-* (4) 

where E' can be regarded as an effective elastic modulus, the stress intensity factor is found by 

K   =   vAjE* (5) 

or 

K   =    Fv/(E*/2t)(dC/da) (5a) 

in terms of the experimentally determined quantities F. C, and a. The maximum load at a given 
crack length prior to unstable crack growth defines the critical stress intensity factor Ko in 
Eq. (5a).   Equivalently, the critical strain energy release rate, gc, is defined in Eq. (2) for 
F = Fc. If KQ or(Jc is a material constant, either can be used to characterize fracture toughness. 

Finite Element Compliance Calibration 

In addition to the experimental compliance calibration procedure described, a finite element 
analytical calibration of the CT specimen was undertaken. Plane stress orthotropic elements having 
the elastic properties given in Table I for each of the respective materials studied were used in the 
element mesh arrangement shown in Fig. 1. Compliance as a function of crack length was com- 
puted and then used to determine K through Eq. (5a). 

Damage Zone Measurements 

Several methods were employed in order to obtain quantitative information about the crack 
tip damage zone and to determine the nature of the damage present. A dye penetrant was used in 
tests on the S-glass/epoxy laminate. The dye was applied after the appearance of damage while the 
specimen was under load and quickly spread throughout the surface cracks and delamination region 
just ahead of the notch tip. When the specimen was back-lighted, the damage zone was clearly 
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visible. Because the graphite/epoxy laminates were opaque, this technique was only effective in 
tests on glass/epoxy specimens. Several specimens each of both S-glass/epoxy and graphite/epoxy 
were subjected to C-scan ultrasonic inspection after testing was completed. This method proved 
to be successful in determining the size of the damage region for all except the type B laminate. The 
surface roughness and thickness of the type B laminate was apparently unsuitable for this technique 
to be effective. Finally, several specimens of type A and B laminates were mounted with moire 
gratings. The moir£ fringe pattern obtained under load conditions was an analog of the notch tip 
displacement field [8J and provided additional information concerning the size and nature of the 
damage zone* in the surface plies of the CT specimens. 

EXPERIMENTAL RESULTS 

Graphite/Epoxy Laminates 

The experimental compliance versus crack length curves for all four laminates tested are shown 
in Figs. 2 and 3. In Fig. 3 the finite element compliance calibration curve for the type B laminate 
is also shown for comparison. The general behavior of graphite/epoxy specimens during fracture 
tests was essentially that of a linear elastic, brittle material. This can be seen from the typical load- 
displacement history of a type D specimen shown in Fig. 4 along with the curves for the other 
laminates tested. The linear behavior continued even after damage zone build-up and subsequent 
crack extension for this specimen type as well as for type B specimens. However, in the case of the 
type C specimens, load-displacement behavior became somewhat nonlinear at a given crack length 
as damage grew progressively with increasing load before incremental crack growth occurred. The 
behavior of type C specimens was similar to that of S-glass/epoxy specimens in this respect; and it is 
significant that the apparent fracture toughness KQ was the highest observed of any of the grapnite/ 
epoxy laminates tested. 

Because of the loss of structural integrity of material in the notch tip damage zone, one effect 
on behavior which would be expected is an increase in overall specimen compliance. This would 
lead, in turn, to higher observed values of KQ through use of Eq. (5a). The fact that compliance 
is higher due to the presence of the damage zone is seen in Fig. 3 which compares experimental and 
finite element compliance calibrations. The large discrepancy between observed and computed 
compliance values was thought at first to be due to inaccuracies in modeling the CT specimen in 
the finite element analysis. However, a subsequent experimental verification of the analysis using 
aluminum CT specimens indicated that the model was adequate and probably was not responsible 
for the discrepancy noted in the graphite/epoxy specimens.  It is reasonable to assume then that 
the presence of the damage zone is responsible. Another point to note in Fig. 3 is that the experi- 
mental data include specimens with "machined" cracks as well as with natural cracks and that the 
difference between machined crack data and natural crack data is generally less than the overall 
data scatter. The development of the damage zone apparently does not require the presence of a 
very sharp crack in the laminate and may occur regardless of the shape of a geometric discontinuity. 

The effect of the damage zone on compliance can be accounted for analytically by assuming 
an effective crack length, a + a0, as indicated in the sketch of Fig. 3;   a0 is the length of the 
damage zone along the crack plane. The analytical compliance curves (dashed lines) are replotted 
here for several assumed values of a0. Rather close agreement with experiment is obtained over a 
wide range of crack lengths for the case of a0 = 0.2. At low values of crack length (a/W < 0.25) 

* More information concerning this technique will be presented in a paper to be published later by 
F. P. Chiang and the author. 
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better agreement is obtained without a damage zone correction length (a0 = O). This may 
indicate that the damage zone size is dependent on crack length and/or stress intensity in the CT 
specimens. A comparison of experimental and analytical stress intensity calibration of type B 
specimens is given in Fig. 5. It is apparent that the analytical curve predicts values of K which are 
considerably lower than those obtained by experimental calibration. Using a crack length correction 
factor in the analytical calibration would eliminate the discrepancy in K values. However, the use 
of CT specimens to characterize fracture of laminates in terms of KQ becomes questionable for ge- 
ometries other than the CT specimen unless it can be shown that the damage zone development is 
independent of geometry. 

Fig. 6 shows the C-scan ultrasonic test printout for three types of specimen: (a) type C, 
(b) type D, and (c) type A (glass/epoxy).  In Fig. 6(a) four separate damage zones are indicated, 
the first at the initial notch and three at successive crack tip locations following incremental growth. 
The length of the various damage zones ranged from 0.2 to 0.4 in. in the crack plane and the area 
in the specimen plane varied from 0.07 to 0.55 sq. in. among all the type C specimens examined. 
While the larger values of KQ observed roughly corresponded to larger damage zone areas, there 
did not appear to be a particular relationship linking the two quantities. Table II shows the dam- 
age zone length, a0; area, Aj; and corresponding KQ values obtained for several type C specimens. 

TABLE II.    DAMAGE ZONE SIZE IN TYPE C GRAPHITE/EPOXY LAMINATE 

Specimen a 
in. 

ao 
in. 

Ad 

in.2 
KQ 
ksi-^/InT 

C-l 0.8 
1.65 

0.3 
0.3 

.22 

.46 
35.7 
42.6 

C-3 0.9 
1.65 
2.0 

0.2 
0.2 
0.3 

.16 

.07 

.32 

35.5 
46.3 
58.1 

C-5 0.7 
1.6 

2.15 

0.2 
0.2 
0.4 

.07 

.05 

.55 

37.7 
47.8 
50.0 

In Fig. 6(b) it is seen that, unlike the case with type C specimens, crack propagation occurred with- 
out development of a large damage zone in type D specimens. Significantly, the fracture toughness 
KQ obtained for this laminate was the lowest observed of the three graphite systems tested. By 
contrast, the notch tip damage zone in a glass/epoxy specimen, Fig. 6(c), is seen to be several times 
larger than any of those in the type C graphite/epoxy laminate. Typically, a through crack did not 
propagate from the initial notch of glass/epoxy specimens. Instead, the damage zone itself con- 
tinued to grow with increasing load. 

The variation of KQ with crack length is shown in Fig. 7 for all three graphite/epoxy laminates 
tested. While there is considerable data scatter among the type B and type C values, KQ does ap- 
pear generally to be independent of crack length. The large scatter range might be expected because 
of the largely random nature of damage zone build-up, which apparently governs crack extension 
in cross-ply graphite/epoxy laminates. The least data scatter occurred in the type C specimens 
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which exhibited virtually no damage zone build-up detectable by the C-scan analysis. The KQ values 
in Fig. 7 are based on the experimental compliance calibration. Mean values for all specimens of the 
three graphite/epoxy laminates tested are compared with values obtained by finite element compli- 
ance calibration and designated as KQ in Table III. 

TABLE III.    MEAN FRACTURE TOUGHNESS VALUES 

Laminate 
Type 

ksi-y/InT ksii/InT 

B 27.4 22.8 

C 49.6 43.9 

D 9.3 8.8 

Glass/Epoxy Laminates 

As already noted, the behavior of glass/epoxy CT specimens was quite different from that of 
graphite/epoxy specimens. No major crack or crack system propagated from the notch. Instead 
the damage zone which developed contained a system of subcriticai cracks parallel to the fibers in 
each ply. In addition, the dye penetration and C-scan ultrasonic inspection techniques indicated 
that debonding between plies occurred to a greater extent than in the graphite/epoxy specimens. 
The length of the damage zone ranged as high as 0.75 in.; and the area of the zone, unlike the case 
of graphite/epoxy, continued to grow with increasing load. The difference in damage zone character- 
istics is demonstrated in Fig. 8 which shows the moird fringe pattern at the crack or notch tip in a 
graphite/epoxy specimen, Fig. 8(a), and a glass/epoxy specimen, Fig. 8(b). Since the fringe pattern 
represents the displacement field of the specimen, points where the fringes are bifurcated indicate a 
local discontinuity in displacement, as at the tip of a crack 18). In Fig. 8(b) the eight fringes above 
and below the notch plane are bifurcated indicating a system of horizontal cracks in the outer ply. 
By contrast, the fringe pattern of graphite/epoxy specimen in Fig. 8(a), which has the outer plies 
oriented in the same direction as the specimen in Fig. 8(b), does not exhibit the parallel crack sys- 
tem. However, both glass and graphite specimens did exhibit regularly spaced vertical cracks in the 
plies parallel to the load. 

As was shown in Fig. 4, the load-displacement behavior of glass/epoxy specimens was very 
nonlinear after the onset of damage at relatively low loads. As damage progressed with increasing 
load, the behavior became similar to that of a low yield strength, highly ductile metal. The compli- 
ance curve for glass/epoxy in Fig. 2 was obtained for the linear region of the load-displacement 
curve. The stress intensity factor KQL at the onset of damage was determined from this compli- 
ance calibration together with the maximum load, arbitrarily taken at a ten percent increase in 
specimen compliance, representing the upper limit of the undamaged condition. KQL is shown as 
a function of notch length in Fig. 9. As with graphite/epoxy, there is considerable scatter in the 
data; but KQL appears to be independent of notch length and has a mean value of 13.4 ksi^/InT 
The notch length independence might have been expected since the stress field is dominated by the 
elastic stress intensity factor until the onset of damage. However, the damage zone which subse- 
quently develops is considerably larger than the plastic zone size at the crack tip of a metal speci- 
men; and it is very doubtful that an elastic crack stress analysis would be valid at this and later 
stages of loading. 
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The damage zone area at a given notch length in glass/epoxy CT specimens appears to depend 
on load, and it might be reasonable to use this quantity to characterize failure instead of a fracture 
mechanics indicator such as critical flaw size. Typically, load and damage size increased together in 
fracture tests until some maximum value of the former was reached. Thereafter, the load leveled off 
and began to decrease under fixed grip load conditions; whereas the damage zone size continued to 
increase in a stable manner. The fracture test was generally terminated at this stage; but it was ap- 
parent that loading could have continued, at least until the damage zone reached the boundaries of 
the specimen. The maximum load attained at a given notch length usually ranged from 40 to 80 per- 
cent greater than the load at which damage was initiated. 

CONCLUSIONS 

1. The damage zone developed in notched, cross-ply laminates under tension loading significantly 
affects subsequent failure behavior. 

2. The size of the damage zone varies with the type of composite. In graphite/epoxy it reaches a 
characteristic size prior to crack propagation. In S-glass/epoxy the zone continues to grow in a be- 
nign fashion without the occurrence of critical crack growth. 

3. The type of damage which develops in the notch tip vicinity is ply delamination accompanied 
by parallel ply cracking. Propagation of a major crack can then occur, presumably after the redis- 
tributed stresses in the damage zone reach the strength level of the plies parallel to the load. The 
characteristic damage size would then appear to depend on the ply interlaminar strength to tensile 
strength ratio. Where this is low, as in S-glass/epoxy, the characteristic zone size would be large; 
and where it is relatively large, as in MOD II/BP907 graphite/epoxy, the zone size is correspondingly 
small. 

4. The existence of the notch tip damage zone and its role in failure behavior lends some physical 
basis to the characteristic size effect concept in failure of notched composite laminates. 

5. Graphite/epoxy cross-ply laminates generally behave in a manner predicted by fracture 
mechanics and exhibit a characteristic material failure parameter KQ. Analytical calibration of the 
stress intensity factor K can be made to agree with experimental calibration through use of a crack 
length correction factor based on the damage zone size. 

6. It may be possible to use the damage zone itself as a failure parameter in lieu of a critical flaw 
size in glass/epoxy laminates. More work is required to establish the stability conditions of the 
damage zone and the significant material and geometric parameters affecting failure. 
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FINITE ELEMENT ANALYSIS OF MECHANICAL AND THERMAL EDGE EFFECTS 
IN COMPOSITE LAMINATES1 
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Blacksburg, Virginia 24061 

ABSTRACT 

This paper considers the problem of combined mechanical and thermal edge 
effects in finite width advanced composite laminates which are subjected to 
uniform axial strain loading and uniform temperature loading.  Stress distri- 
butions near the free edge are determined for linear and nonlinear material 
behavior.  The nonlinear analysis includes the variation of material proper- 
ties with temperature.  Results are presented for boron/epoxy, graphite/epoxy 
and borsic/aluminum.  It is shown that the inclusion of thermal edge effects 
can alter the stress distribution significantly. 

INTRODUCTION 

Most failure theories for advanced filamentary composite materials are 
expressed in terms of the components of stress and strength parameters which 
are determined from tests on unidirectional laminates [1],  The accuracy of 
such stress dependent failure criteria depends upon how well the criteria 
account for all factors affecting failure and also on how accurately the 
state of stress is known.  This paper addresses the question of stress dis- 
tribution. 

Since composite materials are fabricated at elevated temperatures and 
then cooled to room temperature, residual thermal (curing) stresses are 
inherently present in these materials when used at any temperature other than 
the stress-free curing temperature (the temperature at which bonding occurs). 
These thermal stresses are present on the micromechanics level because of the 
thermal mismatch between fiber and matrix and on the laminate level because 
of the thermal mismatch between laminae.  As will be shown in this paper, the 
residual thermal stresses at room temperature can be significant when compared 
with the stresses due to mechanical loading only. 

The failure of a composite material will generally initiate in a region 
of stress concentration such as at the edge of a hole or cutout, or along the 
free edge of a laminate.  Stress concentrations in such regions have been 
studied by a number of investigators [2,3,4].  However, except for reference 
[5], these analyses have been limited to stresses due to mechanical loading 
only.  Reference [5] considered thermal stresses at the free edge of sandwich 
laminates consisting of a sheet of metal sandwiched between symmetric laminae 
of unidirectional boron/epoxy. 

This paper considers the problem of combined mechanical and thermal edge 

1 Supported by NASA Grant NGR 47-004-090 
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effects in finite width advanced composite laminates which are subjected to 
uniform axial strain loading and uniform temperature loading.  The finite 
element method is used to obtain results for the room temperature stress 
distribution near the free edge of bi-directional and angle-ply laminates. 
Both linear and nonlinear material behavior are considered as well as tempera- 
ture dependent material properties.  Results are presented for boron/epoxy, 
graphite/epoxy and borsic/aluminum. 

PROBLEM FORMULATION 

Consider a balanced, symmetric, finite width laminate of homogeneous, 
orthotropic layers with the principal material directions making angles 0i 

with the x-axis (Figure 1).  The laminate is subjected to a uniform axial 
strain £ and a uniform temperature change AT from the stress free curing 

temperature.  For such uniform loading, the stresses and strains are inde- 
pendent of the axial coordinate x and the analysis can be restricted to a 
typical quarter section of the cross-section as shown in Figure lb. 

Figure 1 Typical Laminate Geometry 
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LINEAR ANALYSIS 

The layer wise thermo-elastic constitutive equations may be written 
with respect to the xyz axis as 

yz 

zx 

xy 

11 C12 C13 
0 0 
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ps,k th where [C]  is the stiffness matrix of the k  layer in a coordinate system 
rotated through an angle 6  from the principal material direction AT is the 

uniform temperature change, and a's are coefficients of thermal expansion 
after rotation through the proper angle. 

Integration of the strain-displacements relations for a continuum 
(independent of x) and invoking appropriate symmetry conditions [6] leads to 
the displacement fields 

B-U+ U(y,z) 
JK 

v = V(y,z) 

w = W(y,z) 

where U, V and W are unknown functions of y and z only, 
traction free boundary conditions are 

(2) 

The appropriate 

o   (±b,z) = T  (±b,z) - T  (±b,z) - 0 
y        xy  '     yz 

(3) 

along the free edge y ■ b, and 

az(y,±H) = Txz(y,±H) Vy'±H) (4) 

on the top and bottom surfaces of the laminate.  The layerwise displacement- 
equilibrium equations can be written in terms of the unknown displacement 
functions and the layer stiffness coefficeints as 
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C66ü'yy + C55'U'zz + C26V'yy + C45V'zz + (C36 + C45)W'yz " ° 

C26ü»yy + C45U'zz + C22V'yy + C44V'zz + (C23 + C44)W'yz = °       (5) 

(c/c + CoJu>  + (c// + c„)v,  + C,,W,  + C00W,  = 0 45   36  'yz    44   23  'yz   44 'yy   33 'zz 

A finite element computer program was written to solve the problem 
depicted in Figure 1 and defined by equations 1-5.  The program uses tri- 
angular finite elements with linear displacement functions (constant strain 
elements) to minimize the potential energy $ which can be expresssed as 
the summation over all M finite elements 

JUiV'tfffijM -«t>T«»t] (6) 

where {t} are the surface tractions, {6} are node point displacements, A 
fh 

is the area of the I       element and superscripts T indicate the transpose of 
the matrix.  The strains in (6) are the elastic strains.  That is, if {e } are 

T 
the total strains and {e } are thermal strains, then the elastic strains are 

Ce} = {e°} - {eT} (7) 

The unknown nodal displacements are determined from the set of simultan- 
eous equations obtained by minimizing the potential energy with respect to 
these unknowns.  Back substitution in the stress displacement equations then 
gives the stresses over each finite element.  Since interlaminar stresses were 
of prime importance in this study, it was necessary to approximate the stress 
at the "exact" interface in terms of the adjacent finite elements.  The 
results for interlaminar stresses presented in this paper are the average of 
the stresses on the four elements that have at least one node on a particular 
segment of the interface.  Since interlaminar stresses must be continuous 
across the interface, such an averaging process should not introduce any 
substantial error in the results. 

NONLINEAR ANALYSIS 

An incremental loading procedure was developed in order to take into 
account the nonlinear behavior and temperature dependent properties of 
advanced composites.  At each stage of the incremental procedure, the mechan- 
ical properties of each finite element can be altered depending on the 
temperature and/or strain level.  (Lamina properties in the principal 
material directions were taken from published experimental results).  In- 
itially, the laminates were subjected to an incremental uniform temperature 
change loading from the elevated stress-free temperature to room temperature. 
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The laminates were then subjected to an incremental uniaxial strain loading. 

Nonlinear lamina principal stress-strain curves were represented by 
Ramberg-Osgood [7] approximation of published experimental results.  A 
total of five such approximations were used for each material.  They were: 
tension and compression in the fiber direction; tension and compression 
perpendicular to the fiber; in-plane shear.  Shear behavior was assumed to 
be the same in all three principal planes.  The variations with temperature 
of mechanical properties and coefficients of thermal expansion were modeled 
through percent retention curves.  These curves give the value of the quantity 
at any temperature as a percent of the room temperature value.  Details of the 
nonlinear and temperature dependent behavior of the materials considered can 
be found in reference [6]. 

THE FINITE ELEMENT PROGRAM 

The computer program can accept either axial strain or axial load as the 
applied loading condition.  If the axial strain £  is specified, the total 

stiffness matrix is 3N x 3N with the three displacements at each of the N node 
points being the 3N unknowns.  If the axial load is specified, £  is an 

X 
additional unknown and the total stiffness matrix is (3N+1) x (3N+1). The 
additional simultaneous equation is the requirement that the average axial 
stress is equivalent to the applied load.  For thermal loading only, £ 

is determined by setting the applied axial force equal to zero. 

The computer program is a FORTRAN program which has automatic mesh 
generation capability.  The final mesh can also be plotted with all nodes 
and elements properly numbered.  This feature greatly enhances the application 
of the program when large numbers of finite elements are required.  The 
program was written for an IBM 370/158 and employs double precision variables 
for the determination of nodal displacements.  Tapes are used to reduce the 
core requirements.  Running time is of course problem dependent.  (The program 
is available upon request from the authors.) 

RESULTS AND DISCUSSION 

Typical results obtained using the finite element program described in 
the previous sections are presented in Figures 2-9.  The results presented in 
Figures 2 and 3 show the influence of fiber orientation on the maximum value 
of a and x  on the interface of a [±9] laminate for both mechanical and 

z     xz 
thermal loading.  (As will be shown, the maximum value for both stresses 
occurs at the free edge.)   Stress magnitudes have been normalized with 
respect to the absolute maximum value for all angles.  The mechanical loading 
results are for an applied strain of 0.7% and the thermal loading results are 
for an equivalent temperature change from the curing temperature to room 
temperature as indicated in the figure.  An equivalent temperature change was 
used in this linear analysis to compensate for the variation of properties 
with temperature.  Such a simplification does not affect the influence of 
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fiber orientation. 

As indicated in Figure 2, the maximum normal stress occurs at an angle 

of approximately 30 for mechanical loading of epoxy matrix materials, but 

for metal matrix materials the maximum stress is at approximately 37 .  This 
shift is attributed to the difference in mechanical properties of the matrix 
materials.  The thermal results in Figure 2 indicate that the maximum thermal 
stress for both epoxy matrix and metal matrix systems occurs at approximately 

50 .  This figure also shows that the sign of the interlaminar normal stress 
is negative for thermal loading, but positive for mechanical loading. 
Figure 3 shows the influence of fiber orientation on the interlaminar shear 
stress T  .  For mechanical loading of epoxy matrix systems the maximum stress 

occurs at approximately 20 , and for metal matrix systems at approximately 30 . 

Thermal maximums all occur at approximately 45 .  Again, the stresses due to 
mechanical and thermal loading are of opposite sign. 

Figure 4 shows a comparison between linear thermoelastic and nonlinear 
thermal results for the distribution of o along the interface of a graphite/ 

z 
epoxy bi-directional laminate.  As expected, the general shape of the distri- 
bution is not affected, but the nonlinear analysis predicts significantly 

z 
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lower maximum values.  The results indicate the presence of a thermal stress 
concentration near the free edge. 

The remaining figures present results for the distribution of inter- 
laminar stresses in [0/90] and [±45] graphite/epoxy laminates.  Each figure 
shows a comparison between results for linear elastic material behavior under 
mechanical loading, nonlinear material behavior under thermal loading and 
nonlinear material behavior under mechanical and thermal loading.  As 
indicated in Figure 5, the combined nonlinear thermal and mechanical analysis 
indicates a maximum o at the free edge which is almost three times greater 

than that predicted by a linear elastic analysis.  Mechanical and thermal 
stresses are of the same sign.  Thus, ignoring thermal stresses may cause 
over-estimation of the strength.  The results in Figure 6 for the distribution 
of T  in this same laminate are of a similar nature.  The maximum value for 

yz 
the combined nonlinear mechanical and thermal loading is approximately three 
times the linear elastic result.  This figure also shows a deficiency of a 
finite element solution with a limited number of elements.  The boundary 
condition requires that t  be zero at the exact free edge.  While not shown 

in this figure, results obtained using smaller elements near the free edge 
did show that this component of stress was decreasing near the free edge as 
it should [6], 
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The results for the [±45] angle-ply laminate in Figures 7-9 show a 
different behavior from the bidirectional laminate.  The thermal stress is of 
opposite sign to that for mechanical loading.  Thus, neglecting the thermal 
stresses in the analysis of such a laminate results in a conservative estimate 
of the maximum stress.  As indicated in the figures, the nonlinear combined 
mechanical and thermal loading for an applied strain of 4.2% is approximately 
equivalent to a linear elastic analysis for an applied strain of only 0.3%. 
For the angle-ply laminate, the critical component of interlaminar stress 
appears to be the x  component which attains a maximum value at the free 
edge. 

CONCLUSIONS 

The results of a nonlinear finite element investigation of the combined 
mechanical and thermal loading of advanced composite laminates has shown that 
the thermal effects may be significant.  For bi-directional laminates, the 
mechanical and thermal effects are additive and, hence, neglect of thermal 
effects results in a significantly lower prediction for the maximum stresses. 
For [±45] angle-ply laminates, the stresses due to mechanical and thermal 
loading are of opposite sign and, hence, neglect of thermal effects results 
in a conservative estimate of the maximum stresses. 

It has been shown that nonlinear thermal effects are important for the 
prediction of failure in composites. 
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ABSTRACT 

Lamination residual stresses in composite laminates are 
produced during curing as a result of the anisotropic thermal 
deformations of the various plies.  The extent of relaxation of 
these stresses was investigated in [02/+45]s laminates of six 
composite systems.  Several means of evaluation of stress 
relaxation were used.  Direct measurement of strain variation 
with time in angle-ply laminates proved to be very insensitive. 
An upper limit to the actual amount of residual stress relaxation 
was obtained by measuring stress relaxation in 90-degree uni- 
directional laminates.  An indirect evaluation was made by 
determining the elastic and strength properties of angle-ply 
laminates as a function of time after curing.  Results tend to 
indicate that residual stresses do not relax appreciably with 
time. 

INTRODUCTION 

Lamination residual stresses are induced in angle-ply 
composite laminates during curing as a result of the anisotropic 
thermal expansions of the various plies.  The analysis of these 
stresses has been the subject of many recent analytical and 
experimental investigations [1-6].  Residual stresses are a 
function of many parameters, such as ply orientation, fiber 
volume ratio, curing temperature and other variables [1, 2]. 
They can reach values comparable to the transverse strength of 
the ply and thus induce cracking of that ply within the laminate. 
Residual stresses in each ply are equilibrated with interlaminar 
shear stresses transmitted from adjacent plies and thus can cause 
delamination.  These stresses must be taken into account when 
designing composite structures and must be superimposed onto 
those produced by external loading. 
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The various plies of the laminate are cured under 
conditions restraining their stress-free thermal deformation. 
The induced restraint is directly related to the residual 
stresses.  The restraint strains remain relatively fixed, allowing 
only for the possibility of relaxation of the residual stresses. 
Stress relaxation in composites, being primarily a matrix- 
controlled property, is most pronounced in the transverse-to-the- 
fiber direction.  The objective of this investigation was to 
evaluate the extent of relaxation of these residual stresses. 

Several means of evaluation of stress relaxation were 
attempted: (1) Direct measurement of strain changes with time 
in [02/+45]s laminates, (2) Stress relaxation determination 
in 90-degree unidirectional laminates, and (3) Elastic and 
strength properties in [02/+45]s laminates as a function of time 
after curing.  Six material systems were investigated:  Boron/ 
epoxy, boron/polyimide, graphite/low modulus epoxy, graphite/ 
high modulus epoxy, graphite/polyimide and S-glass/epoxy. 

RESULTS AND DISCUSSION 

Strain Variation in Angle-Ply Laminates 

Three 2.54 cm x 22.9 cm (1 in. x 9 in.) [02/+45]s S-glass 
epoxy specimens were prepared with embedded strain gages.  This 
layup is typically used in structural applications such as fan 
blades subjected to axial tension and torsion.  Embedded three- 
gage rosettes in these specimens were monitored, starting 
immediately after curing, over periods up to five months.  To 
maintain gage stability, the excitation voltage on the gage was 
maintained constant throughout the period of monitoring. 

The average longitudinal and transverse strain variation 
for the three specimens is shown in Fig. 1.  The variations are 
very small as expected.  Stress relaxation in a given ply in the 
transverse-to-the-fiber direction is not accompanied by an 
appreciable strain change, since such a deformation is restrained 
by the other plies of the laminate.  The small strain variations 
that might accompany stress relaxation are a second order effect 
and not a sensitive measure of this relaxation. 

Stress Relaxation in 90-Degree Unidirectional Laminates 

Stress relaxation in composites is a matrix controlled 
property and as such it is most pronounced in the transverse- 
to-the-fiber direction.  An upper limit to the amount of residual 
stress relaxation occurring in a given ply of a laminate can be 
obtained by evaluating the relaxation characteristics of a 90- 
degree unidirectional laminate under tension.  The specimens 
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Fig. 1 Strain Variation in [02/+45]s S-Glass/Epoxy 
Specimens as a Function of Time After Curing 
(Strain Gages Embedded Between Fourth and 
Fifth Ply) 

were 2.54 cm x 22.9 cm (1 in. x 9 in.) [90s] coupons.  They were 
loaded in the fixture of Fig. 2 by applying a certain fixed 
elongation in a short time.  The applied strain corresponded to 
approximately 70 percent of the static strength of the specimen. 
The change in load (stress) with time was monitored with a semi- 
conductor load cell and also with an aluminum link in series 
instrumented with strain gages.  The strain in the specimen, 
which is supposed to remain constant throughout the test, was 
checked before every load reading.  Two axial strain gages bonded 
on the two sides of the specimen at the center were used for the 
purpose.  Small changes in the specimen strain were noticed due 
to the changing load and the finite compliance of the load cells. 
These small strain deviations were taken into account in 
computing the amount of stress relaxation. 

The boron/epoxy specimen was loaded with a strain of 
2,260 x 10~6 corresponding to a stress of 33.8 MPa (4,900 psi). 
The load variation with time is plotted on a semilogarithmic 
scale in Fig. 3.  Most of the relaxation takes place in the 
first 24 hours and the load (stress) levels off after that time. 
The maximum amount of relaxation observed was approximately 20 
percent. 
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Fig. 2 Experimental Setup for Measuring Stress 
Relaxation in Composite Specimens 
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Fig. 3  Stress Relaxation in 90-Degree Unidirectional 
Boron/Epoxy Specimen 
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The boron/polyimide specimen was loaded with a strain of 
800 x 10~6 producing a near instantaneous stress of 6.9 MPa 
(1000 psi).  The load variation with time is plotted on a 
semilogarithmic scale in Fig. 4.  Two mechanisms of load 
relaxation are evident.  One, predominant up to approximately 
500 minutes, must correspond to stress relaxation in the matrix. 
The other mechanism related to a sharp decrease in load comes 
into effect after 1000 minutes and is probably related to some 
failure or degradation taking place in the specimen under load. 
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Fig.   4 Stress Relaxation in 90-Degree Unidirectional 
Boron/Polyimide Specimen 

The relaxation test for graphite/low modulus epoxy was not 
successful because of the high fragility of the 90-degree material. 

The graphite/high modulus epoxy specimen was loaded with a 
strain of 4,476 x 10"" producing a near instantaneous stress of 
31.4 MPa (4,545 psi).  The load variation with time is plotted in 
Fig. 5.  Stress relaxation was continuing after 25 days of 
loading. 

The graphite/polyimide specimen was loaded with a strain of 
2,080 x 10~6 producing a near instantaneous stress of 10.5 MPa 
(1,520 psi), approximately 71 percent of the ultimate stress. 
The load variation with time is plotted in Fig. 6.  The load 
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seems to stabilize at 90 percent of its initial value after 
approximately 35 days. 

The S-glass/epoxy specimen was loaded with a strain of 
1,560 x 10~o producing a near instantaneous stress of 39.7 MPa 
(5750 psi).  The load variation with time is plotted in Fig. 7. 
The load (stress) seems to level off at 86 percent of its initial 
value after 25 days. 
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Fig. 7  Stress Relaxation in 90-Degree Unidirectional 
S-Glass/Epoxy Specimen 

The following Table 1 summarizes the results of the 
relaxation tests described above. 

Table 1 

Tensile Stress Relaxation in 90-Degree Unidirectional Specimens 

Material 
Applied Stress, o9<? 

MPa  (psi)    zz 
Percent Relaxation 

In 30 Days  

Boron/Epoxy 
Boron/Polyimide 
Graphite/High Modulus 
Epoxy 
Graphite/Polyimide 
S-Glass/Epoxy 

33.8 (4,900) 
6.9 (1,000) 

31.4 (4,545) 
10.5 (1,520) 
39.7 (5,750) 

22.5 
62.0 

24.5 
9.5 

13.0 
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The graphite/polyimide displays the lowest stress relaxation, 
and the boron/polyimide the highest, although both have the same 
matrix.  It is conjectured, however, that the apparent relaxation 
in the latter is related to microfailure rather than to purely 
viscoelastic properties of the matrix.  Further testing at 
different stress levels would explain the phenomenon.  Of the 
epoxy matrix composites, the S-glass/epoxy displayed the lowest 
amount of relaxation.  This is probably due to the much higher 
fiber volume ratio of this material (FVR = 0.72). 

The results above serve only as indications of an upper 
limit of residual stress relaxation that may occur in an angle- 
ply laminate.  The actual conditions in the laminate are more 
complicated as each ply is subjected to an in-plane biaxial 
state of stress including shear stresses transmitted from 
adjacent plies. 

Static Properties of [02/+45]s Laminates as a 

Function of Time After Curing 

An indirect evaluation of residual-stress relaxation was 
made by measuring the stiffness and strength properties of 
[02/+45]s angle-ply laminates at various times after curing.  The 
underlying reasoning was that residual stresses have an influence 
on the strength of the laminate and that appreciable relaxation 
of these stresses would affect the laminate strength noticeably. 
Two specimens of each material system were tested statically to 
failure at various times after curing over periods up to 22 
months.  Stress-strain curves were obtained for each test and 
the axial modulus, Poisson's ratio and strength were computed. 

Figures 8 and 9 show typical stress-strain curves for 
boron/epoxy specimens tested one and twelve and one-half months 
after curing, respectively.  Figures 10 and 11 show typical 
stress-strain curves for graphite/polyimide specimens tested one 
and seventeen months after curing.  Similar curves for S-glass/ 
epoxy specimens corresponding to three and twenty-two months 
after curing are shown in Figures 12 and 13.  Figure 12 shows 
acoustic emission data in addition to strain. 

Results of the tests above are summarized in Table 2 where 
the modulus, Poisson's ratio, strength and age of the specimens 
are given.  In most cases where two or more specimens of any 
given age were tested the average values are shown.  The modulus 
values do not show any significant variations with time.  The 
fluctuations in strength with time for boron/epoxy, boron/ 
polyimide and graphite/high modulus epoxy are small and certainly 
not significant.  In the case of graphite/low modulus epoxy and 
graphite/polyimide the apparent reduction in strength after three 
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Table 2 

Static Properties of [02/+45]s Laminates At 
Various Times After Curing 

Modulus, E xx 
Material GPa (10 psi) 

Poisson's 
Ratio, 
VXV 

Strength 
SxxT 

MPa (ksi) 
Age 

(Months) 

Boron/Epoxy 115 (16.7) 0.70 725 < :i05) 1-3 
115 (16.7) 0.60 754 ( :i09) 9 
116 (16.8) 0.71 725 < :i05) 12.5 

Boron/Polyimide 117 (17.0) 0.72 562 ( : 82) 1 
114 (16.5) 0.76 522 ( : 76) 4.5 
112 (16.3) 0.77 519 ( : 75) 8 
126 (18.2) 0.69 578 ( : 84) 17 

Graphite/Low 111 (16.1) 0.72 562 ( : 82) 1 
Modulus Epoxy 110 (15.9) 0.71 350 < : 5i) 3 

105 (15.3) 0.52 350 ( : 5i) 6.5 
115 (16.7) 0.80 350 ( : 5i) 16 

Graphite/High 99 (14.3) 0.72 485 ( : 70) 1-2 
Modulus Epoxy 94 (13.6) 0.74 515 < : 75) 6 

107 (15.6) 0.69 510 < : 74) 9.5 
112 (16.2) 0.72 497 ( : 72) 19 

Graphite/ 114 (16.5) 0.71 345 ( : 50) 1 
Polyimide 121 (17.6) 0.67 314 ( : 46) 4 

107 (15.6) 0.72 290 ( : 42) 8 
115 (16.7) 0.65 317 ( : 46) 17 

S-Glass/Epoxy 37 ( 5.3) 0.52 742 ( :io8) 1 
40 ( 5.8) 0.50 820 ( :ii9) 3 
44 ( 6.4) 0.43 789 ( :n4) 6 
37 ( 5.3) 0.55 618 ( : 90) 9 
36 ( 5.2) 0.53 649 ( : 94) 12.5 
37 ( 5.3) 0.52 696 ( :ioi) 22 

or four months may be related to the fact that initial values for 
the strength were obtained from 2.54 cm (1 in.) wide specimens, 
whereas all subsequent tests were performed with 1.27 cm (0.5 in.) 
wide specimens.  In the case of S-glass/epoxy the apparent 
variations in strength are due to the fact that two batches of 
material are represented.  The individually prepared 2.54 cm 
(1 in.) wide coupons with embedded strain gages showed con- 
sistently high strength values, 807 MPa (117 ksi), 820 MPa(119 ksi), 
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and 789 MPa (114 ksi) initially, three months and six months 
after curing, respectively.  The strength values at nine, twelve 
and one-half and twenty-two months obtained from specimens cut 
from a plate are in closer agreement with the initial value of 
675 MPa (98 ksi) obtained from a similar specimen. 

SUMMARY AND CONCLUSIONS 

Three approaches were investigated for evaluation of 
residual stress relaxation in angle-ply laminates: (1) Direct 
measurement of strain changes with time, (2) Stress relaxation 
determination in 90-degree unidirectional specimens, and (3) 
Elastic and strength properties of [02/+45]s laminates as a 
function of time after curing. 

Measurement of strain variation is a very insensitive means. 
Strain variations are very small, sometimes of the order of 
experimental variability, as they represent a second order effect 
of stress relaxation. 

An upper limit to the amount of residual stress relaxation 
was obtained by means of direct relaxation tests of 90-degree 
unidirectional laminates.  The amount of relaxation in thirty 
days in most cases ranged between 9.5 and 24.5 percent, except 
for the boron/polyimide where a fracture mechanism was possibly 
operating.  This amount of relaxation represents an upper bound 
to the actual stress relaxation taking place in an angle-ply 
laminate. 

Residual stress relaxation was evaluated indirectly by 
monitoring the elastic modulus and strength of [02/+45]s specimens 
over periods up to twenty-two months.  No significant variations 
with time were observed.  It can be concluded from the above that 
the amount of residual stress relaxation in angle-ply laminates 
is small.  In cases when residual stresses are critical means 
for reducing them must be introduced during the curing process. 
One such method would be pretensioning all the plies in the 
fiber direction by an amount equal to the transverse thermal 
contraction during curing. 
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ABSTRACT 

This paper discusses experimental studies of the failure of angle ply laminates consisting of 
"C" (clustered) [(+6)41-6)4]$ and "A" (alternating) (+61-6)4 configurations, in boron epoxy and 
graphite epoxy. with 6 ranging from 0° to 45°. Comparison of ultimate tensile strength values for 
the two types of laminates demonstrated the effectiveness of the A configuration in reducing inter- 
laminar shear stresses and thereby enhancing the tensile strength of the laminate.  In addition, a 
number of techniques were used to obtain information on the condition for onset of delamination 
and the subsequent progression of damage to failure. These included acoustic emission, dye pene- 
trant and high speed cinematography which was enhanced by the presence of a moire grid to allow 
the rapid growth of surface cracks to be observed.  Results confirmed that the earliest mode of 
damage is a combination of delamination and fiber separation within plies. The high speed photo- 
graphs suggested that fiber separation modes progress in distinct steps which are semi-stable for 
short periods of time.  Finally, a mechanism is hypothesized to explain the conditions leading to 
onset of fiber breakage, a characteristic damage mode in the later stages of failure at orientations 
of 30° or less. Subsequent experimental and analytical studies which are appropriate for investigat- 
ing various aspects of the proposed failure process will be described. 

INTRODUCTION 

The role of non-planar stress states near free edges of fiber-reinforced laminates in the 
initiation and propagation of failure has been the subject of attention for a number of years as it 
has become more and more clear that such stresses play a vital role in controlling the strength of 
composites. The effect of stacking sequence and material parameters have been studied analyti- 
cally by a number of authors [ 1-4]. Experimental efforts by Pipes and Daniel [5] and by Op- 
linger, et al [6] based on the application of moird techniques confirmed the essential features of 
the strain field near free edges in (+61-6) angle ply laminates; in particular these results demon- 
strated that for orientation angles, 0, from about 10° to 45°, interlaminar shear strains occur 
which may be of sufficient magnitude to cause delamination prior to any other mode of damage. 
The analysis of failure data by Oplinger et al [6] tended to confirm the expected results that 
ultimate failure of the laminate is determined by the stress state at the free edge where inter- 
laminar shear stresses are present rather than in the interior where the interlaminar shear stress 
disappears and in-plane shear stresses come into play. 

The objective of the present study was to examine in detail the processes which occur in the 
course of failure associated with (+6J-6) laminates for ranges of orientations for which interlaminar 
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shear stresses are likely to cause failure initiation. Earlier work of this type was conducted by 
Lauraitis [7] who used dye penetrants to examine delamination in glass-epoxy angle-ply laminates 
subjected to sub-ultimate loads. Other studies which concentrated on details of the failure process 
included that of Pagano and Pipes [81 who investigated (±25/90n) laminate configurations tending 
to produce delamination by interlaminar normal rather than shear stressing, and that of Whitney 
and Browning 19] who investigated the fatigue performance of such laminates. Most recently, 
Reifsnider et al [ 101 discussed delamination processes in quasi-isotropic graphite epoxy laminates. 

In the present case we are interested in laminates of the type investigated by Lauraitis [7]. 
The latter interpreted the failure data in terms of a model which visualized an effective crack in 
the vicinity of the free edge prior to the onset of failure. Evidence in hand suggests that the initial 
part of the failure process should be interpreted in terms of high but finite interlaminar shear 
stresses rather than the infinite stresses that the effective crack model of [7] would imply, and we 
do not intend to pursue the latter approach. It is true that analytical results discussed in [3] have 
strongly suggested the rise of a nearly singular shear stress at the free edge at the interface between 
+0 and -0 layers in materials such as glass and graphite epoxy containing finely dispersed fibers. 
However, the success of the stress averaging approach of Nuismer and Whitney [11] in accounting 
for failure of laminates containing center notches of small tip radius suggests the presence of sig- 
nificant stress-redistributing ability in typical composite materials and leads one to look for a 
strength criterion for delamination initiation rather than a criterion based on infinite stresses such 
as the stress intensity approach of linear elastic fracture mechanics. 

The effort to be discussed centered around two types of stacking sequence, consisting of 
eight-layer (+0/- 0)4 configurations (referred to as A or alternating) in which the most complete 
mixing possible of the +0 and -0 layers was incorporated; together with six teen-layer 
K+0)4/(-0)4] s configurations (referred to as C or clustered) in which +0 and -0 plies were 
grouped together as much as possible consistent with balancing the laminate. The tendency of 
the A configuration to disperse interlaminar shear stresses as compared with the tendency of the 
C configuration to aggravate them was discussed in [3]. Early results of the study reported 
partly in [6] centered on a comparison of laminate strengths obtained with the two configura- 
tions and demonstrated the anticipated strength superiority of the A configuration under tensile 
loading. Further data of this type will be discussed. 

The remainder of the study was devoted to examination of the onset and growth of delamina- 
tion in the C configuration and the relation of delamination to an alternate mode of failure involv- 
ing fiber breakage. This part of the effort involved the use of acoustic emission instrumentation to 
detect the onsei of delamination so as to permit load removal prior to ultimate failure. Subse- 
quently, dye penetrants were used to visualize delamination cracks: emphasis was given here on 
ascertaining whether the initial damage took the form of fiber separation within plies or ply separa- 
tion, both of winch are candidate modes for failure initiation. Finally, results were obtained on 
one configuration using high-speed cinematography (5000 fps) in conjunction with moirö surface 
strain measurements to trace the progression of fiber separation cracks. 

EXPERIMENTAL STUDIES 

DESCRIPTION OF LAMINATES 

Table I gives a description of the materials which were investigated. In addition to AVCO 
boron epoxy, two types of graphite epoxy, MOD 11/5206 (Whittaker) and Thornel 300/E797 (U.S. 
Polymer), were incorporated. In addition to the unidirectional configuration, MOD 11/5206 speci- 
mens were fabricated in the A and C configurations with 0 = 10°, 30°, and 45°, while the 
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TABLE I. LAMINATE CONFIGURATIONS FOR EXPERIMENTAL STUDIES 

A Configuration C Configuration 

- 
[+0]4 

-6 

-tf                   8 Plies Mlf 16 Plies 

S [+0]4 

MODMOR 11/5206 
THORNEL 300/ 

E797 BORON/5505 

Unidirectional 
(8 layers) A c A c Unidirectional 

(8 layers) A C 

0°                 X 

±10° 

±20° 

±30° 

±45° 

X 

X 
X 

X 

X 

X 

X 

X 

X 
X 

X 
X 
X 

X 

X 

X 

X 
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boron/5505 was fabricated with 0 = 10°, 20°, and 45°. The T300/E797 laminates were fabricated 
with 0 = 30° and 45°. Experimental studies were conducted on the specimen configuration shown 
in Figure 1 which depicts standard 1" wide tensile bars with bonded glass epoxy tabs. 

FAILURE TESTS 

a.      Angle Ply Laminate Stress Conditions 

The behavior of angle ply laminates under uniaxial tensile loading is characterized by: (1) de- 
velopment of interlaminar shear stresses near free edges, tending to introduce delamination modes 
of initial damage; (2) the rise of in-plane shear stresses in the interior of the specimen which are 
required to provide for strain compatibility between adjacent plies. The failure of the laminate can 
be expected to be influenced by these effects in addition to that of the applied tensile stresses. 

Figure 2 depicts the stress state in the interior of the laminate (away from free edges) in a 
given ply. For balanced laminates all stresses other than ax, Txy and the interlaminar shear stress 
rxz are close to zero and may be ignored. Analytical results [ 1-4] have shown that away from 
loaded ends, while the axial strain ex is uniform with respect to all three coordinates, the axial 
stress ax as well as the in-plane shear stress rxy varies across the width of the specimen. Note that 
while rxy is present in the interior it must be zero at the lateral edges to satisfy traction-free bound- 
ary conditions. In general, the following constitutive equations involving ox and rxy are satisfied; 

ex = all tfx + a16rxy 

(1) 
7xy = a16°rx + a66rxy 

where the ay's are compliance coefficients for the individual plies, and by the usual transformation 
rules are expressed in terms of the elastic constants of unidirectional plies as follows: 

an = ¥L 
[c4 + (pc ~ 2"LT> C2*2 ♦ PES41 

a16=l [2(pEs2-c2) + (pG-2^LT)(c2-s2)] cs (2) 

a66 = rL   f4(1+PE + 2i;LT-PG)c2s2+^Gl 

where EL EL 

PE=l^;pG = GL^ ^LT = Poisson,srati0' 

c = cos0; s = sin0 

Note that the following conditions on the stresses and strains appearing in Equations (1) hold: 
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MOD 11/5206 
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C 

0.040-0.043 
0.080-0.081 

0.055-0.059 
0.105-0.108 

0.048-0.050 
0.089-0.094 Figure 1.  Test Specimen Details 

Figure 2. Stress State in Interior of Angle Ply Laminate 
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Free Edge (y = ±b)  rxy = 0; (3.1) 

ex = anax (3.2) 

Interior Region 7xy = 0; (4.1) 

rxv = ~-—ax (4.2) 
xy       a66 

2 

ex = an(l-^|— )ax (4.3) 

By comparing Equations (3.2) and (4.3) and noting the assertion given earlier that ex is uniform 
throughout the region of interest the following relations show the comparison of axial stress at the 
free edge and in the interior: 

2 
ex           a\6 

ax-ax (interior) =-—/O "aiia     )                                                             <5> aH         alla66 

a2 

ax (free edge) = öX 0-^—) 
x                          x         alla66 

In addition the shear stress is related to ax = ax (interior) by (Equation (4.2)) 

rxy)int--a^-ax                                                                          (6 

while 

rxy (free edge) = rxy)fe = 0 
» 

Ignoring for the moment the effect of interlaminar shear stress, the effect of rxy and ax on failure 
is best seen by resolving them in the L-T coordinate system shown in Figure 2. By the usual trans- 
formation laws we have, from Equations (5) and (6): 

* 
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FL = ^=(1 -kp16) c2 + 2cs /i16 (1-k) 

in which 

°x 

FTs^L=(i -kp16) s2 - 2cs/i,6   (1-k) (7) 

FLT = ^ = (l-kp16) cs -(c2-s2)/i16 (1-k) 
ax 

a162 _ a16 
p16      ana66'    M16 ~ a66 

(8) 
k =  1  (free edge) 

= 0 (interior) 

Inserting the expressions for o^, and oj and TLT Siven in Equations (7) into an appropriate failure 
rule gives a means of predicting the value of äx at which failure due to in-plane stresses alone will 
take place, as opposed to delamination failure at the free edge. For the present study we have used 
the modified quadratic expression due to Hoffman [ 12]: 

°L (1"ß?) + (SLc-SLt) °L °T + <STc-STt> °T TLT 
 1     +          +      =  l (9) 

2 
SLcSLt STc STt TLT 

which has a potential advantage over quadratic expressions not containing linear terms, in allowing 
for a possible strengthening effect against shear failure when oj is compressive. The parameter £ 

2 aT in the interaction term o, (1- fi ——) in the first term of Equation (9) is set to 1.  More generally, Tsai 
L oL 

and Wu 113]  have recommended letting it be determined experimentally in accordance with their 
tensor failure rule but for convenience a value of unity has been retained here. 

The parameters SLJ, SLC. Sjt, Sjc and TLJ are measured ultimate strengths for simple loading 
of unidirectional plies in longitudinal tension (SLt)< compression (SLC), transverse tension (Sjt), com- 
pression (Sjc), and in-plane shear (TLJ).  Introducing Equations (7) into Equation (9) and letting 

°x o  = su 
Equation (9) becomes a quadratic in a: 

<C2L FL + C2TFT + C2LTFLT)°2 + (CILFL + CITFT)'J-1=0 <l0> 
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which is solved for o by standard formula. In Equation (10) we have 

C2L = sif;C2T = S^   ;°2LT = ^ <ln 

_ (SLc-SLt> r        (Sjc - STt> sLt 
IL~       SLc '   L1T-       STc STt 

When differences in F^, Fj and FLT indicated in Equation (7) when k is changed from its free edge 
value of unity to its value in the interior (zero) are allowed for, sizeable changes in the value of 
o = cfx/SLt predicted by Equation (10) are encountered. The curves in Figure 3 illustrate this. The 
predictions are made using the elastic constants and strength parameters listed in Tables II and III 
for MOD 11/5206. The greater strength of the laminate against failure in the interior is found to be 
due to the terms containing n\$ in the second and third of Equations (7) when k is set to zero. 
These tend to reduce Fj and FLJ in absolute value sufficiently to cause the marked increase in 
strength seen in Figure 3 for 6 less than 50°. 

It may be hypothesized that the behavior of the laminate is not strictly determined by the low 
strength at the free edge which is indicated by the predictions shown in Figure 3. The transition 
from the stress state near the free edge to that at the interior takes place in a narrow boundary layer 
corresponding to the region in the curves shown in Figure 4 obtained from moire measurements [61 
where the axial displacement is varying. As shown in the analytical results given in Figure 5(31, 
the boundary layer in the A configuration is only lA the thickness of that in the C configuration, 
and it is anticipated that in such cases for which the boundary layer is extremely small, failure will 
be controlled by the interior stress state rather than by the stresses at the free edges. This concept 
is somewhat analogous to the Nuismer-Whitney treatment of crack-like notches in composites [11] 
by the approach of stress averaging over a particular length. Such a stress averaging approach in the 
case of free edges would tend to show the free edge stress state to be less important than the in- 
terior stress state for laminates with small boundary layer thickness. 

In addition to the effect of boundary layer thickness the analytical results of [3] have indi- 
cated that for a given applied stress <JX the interlaminar shear stress is greater in the boron epoxy C 
configuration by a factor of about 2 over that of the A configuration. In the case of graphite epoxy 
the C configuration again experiences higher interlaminar shear stresses than the A configuration 
although the ratio is less because of effects related to the yarn-type structure of the reinforcement. 

Because of the combination of smaller boundary layer thickness and lower interlaminar shear 
stress, it was anticipated that A configuration laminates would tend to exhibit the higher strengths 
which could be expected to be characteristic of the interior region of the laminate. The failure 
tests to be discussed next were conducted to determine the extent to which the expected strength 
enhancement associated with the A configuration is realized in practice. 

b.     Test Results 

Table II gives the strength values which were obtained from unidirectional A-configuration and 
C-configuration laminates. The elastic constants of the unidirectional plies are given in Table III. As 
noted in that table, the shear moduli were determined by a fit of measured axial moduli of A and 
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TABLE II.   TENSILE STRENGTH MEASUREMENTS OF ANGLE PLY LAMINATES 

Values in I03 psi (K bars; 1 bar= 100 KN/m2 = 14.505 psi) 

UNIDIRECTIONAL STRENGTHS (8 PLY LAMINATES) 

Ave. Coef. Var. No. of 
Specimens 

Boron/5505          240.2(1655) 4.! 4 

MODII/5206        175.3(1208) 10.9% 5 

ORIENTATION, deg. A CONFIGURATION 
No. of 

C CONFIGURATION 
No. of 

BORON/5505 Ave. Coef. Var, Specimens Ave. Coef. Var. Specimens 

±10° 172.6 (11.89) 9.7% 8 129.7 (8.94) 4.5% 3 

±20° 121.8 (8.39) 6.4% 8 72.56 (5.00) 3.4% 3 

±45° 21.0 (1.48) 2.8% 8 16.85 (1.16) 9.4% 7 

MOD 11/5206 

±10° 106.8 (7.36) 18.4% 8 79.6 (5.48) 4.0% 3 

±30° 57.2 94) 9.4% 7 27.4 (1.88) 10.4% 6 

±45° 20.7 (1.43) 2.9% 3 11.7 (0.80) 2.5% 5 

T300/E797 

±30° 71.6 (4.93) 5.0% 6 40.5 (2.79) 9.4% 5 

±45° 25.2 (1.73) 2.0% 6 13.8 (0.95) 10.1% 4 



Kbar ksi 
14 

Interior Failure 

10 20 30 
Orientation, Deg 

•1 Bar - 0.1 MN/m2 - 106 Dyne/cm2 

Figure 3. Predicted Failure in Graphite Epoxy Angle Ply Laminates 

TABLE 111.   ELASTIC CONSTANTS OF UNIDIRECTIONAL LAMINATES 

Moduli Given in 106 psi   (M bars;   1 bar = 100 KN/m2    14.505 psL) 

MATERIAL 

EL 
ET GLT* "LT 

Ave.             Coef. 
Var. Ave              Coef' AVe>              Var. Ave. Coef. 

Var. 

BORON/5505 29.9 (2.06)   1.4% 2.98 (.205)    t 0.8(0.055) 0.212 2.3% 

MOD 11/5206 19.9 (1.37)   2.6% 1.25 (.086)    t 0.8 (  .055) 0.34 2.9% 

* GT x determined from fit of Ex vs fiber orientation in ±0 laminates. 
Other constants from stress-strain curves of unidirectional materials. 

t One determination only. 
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C configuration laminates as a function of orientation. With aj \ given by the first of Equations (2) 
and pi5 given in Equation (8), the measured axial modulus Ex for ± 0 laminates not dominated by 
stresses at the free edge is given by 

Ex = n  J  v, <12> x      (i-Plö^ll 

Figure 6 shows a plot of measured values of aj j /aj_ versus 0, where aL = 1/EL, together with pre- 
dicted values obtained from the constants given in Table III. The closeness of the fit is a measure of 
the accuracy of the G\j\ values of Table III, the other constants having been obtained from the 
tests on the unidirectional materials as previously discussed. 

In Figures 7 to 9 the tensile test results are compared with predicted stresses for interior and 
edge failure. The tendency of the C configuration laminates to fail near the stresses predicted for 
edge failure is clearly demonstrated. The A configuration laminates fail considerably above the 
edge failure curve over the range of interest, achieving the values predicted for interior failure in the 
case of ± 30° A and ± 45° A MOD 11/5206, as well as for ± 45° A boron/5505. The comparison in 
Figure 9 of T300/E797 with T300/5208 data taken from [ 14] is of additional interest. Although 
the latter is for {±9)is laminates as opposed to the A configuration laminates treated here, the dif- 
ferences between the laminates is trivial with respect to the stress field which may be expected to 
occur under tensile load. The close proximity of the strength values which were obtained is con- 
sistent with this expectation. 

"C" CONFIGURATION FRACTURE MORPHOLOGY 

a.      General Characteristics of Failure 

Figure 10 shows two distinct types of failure which were obtained with the C configuration 
laminates. At the higher orientations, 30° to 45°, the failures tended to appear as in Figure 10(A) 
while at lower orientations the type of failure shown in Figure 10(B) was common. Three types of 
failure processes can generally be distinguished in these results, fiber separation (FS) within plies, 
delamination (DEL), and fiber breakage (FB). The sketches shown in Figure 11 depict these fea- 
tures more clearly. In the failure shown in Figure 10(A) no fiber breakage is present and the result 
can be called a DEL-FS mode. The failure of Figure 10(B), on the other hand, can be called a 
"partial FB** mode since it initiates as DEL-FS and converts at a certain point to FB. The sketch 
shown in Figure 11(C) shows the details of the situation where the FB mode seems to begin. Note 
that in the initial DEL-FS phase two fiber separation surfaces are created, one along the +0 fibers 
and one along the -0 fibers. The two FS surfaces run along fiber directions and subsequently con- 
verge at the intersection point labeled I in Figure 11(C), Plan View. The perpendicular distance 
from the edge to the intersection point I is governed by the length ßp, shown in Figure 11(C) as 
the distance along the edge between the points where FS initiates in the +0 and -0 plies, and is 
given by ßp = ßctan0.   It is possible that the tendency for FB to initiate at point I is related to the 
ratio of the distance ßp to the specimen width.   As discussed later the fracture surface, which be- 
comes a "through crack" at point I, may be equivalent to a sharp edge notch of length ß p, and be- 
cause of unloading of much of the material around this notch, it is possible that interlamlnar shear 
and normal stresses are drastically reduced, relieving the tendency for delamination to progress fur- 
ther. Without such an effective edge notch the resolved tensile stresses along the fibers tend to be 
much below the value at which fiber breakage can possibly take place for 0 values above 10°. 
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b.     Acoustic Emission-Dye Penetrant Studies 

In order to gain further information on the early stages of failure, a method for loading the 
mien to a point of initial damage but adequately below the ultimate load to avoid catastrophic 

failure was desired. Acoustic emission techniques proved to offer an ideal approach to obtaining 
such a result. By use of acoustic emission it was found that the load level could be readily adjusted 
to a point which insured that DEL-FS had initiated but which avoided the risk of more complete 
stages of failure. 

The experimental setup for providing acoustic emission monitoring capability is shown in Fig- 
ure 12.  The acoustic emission unit consisted of:  (1 ) a preamplifier and amplifier having a gain 
selectable up to 100 dB and a bandwidth ranging from 100 kHz to 2000 kHz; (2) a totalizer having 
selectable pass bands; (3) an audio monitor having a speaker and amplifier with volume control; 
and (4) a transducer for detecting acoustic emission at a peak response of 11 5 kHz ± 5%. The sys- 
tem had the capability of recording both total acoustic emission count (events) and acoustic emis- 
sion rate on x-y-y' recorders together with the stress-strain relationship of the pertinent specimen 
when subjected to stress. (An emission event is defined as a rapid physical change in a material, 
such as the breaking of a fiber in a composite, that releases energy which appears as acoustic emis- 
sion [15].) 

Exploratory investigations were conducted to determine whether features in the acoustic 
emission record might be found during the loading of C configuration laminates which could be 
used at an indicator of early damage.  Figure 13 shows a typical record obtained from a C configura- 
tion laminate during loading to failure. The traces appear to be free of acoustic activity up to a 
point at about 64% of ultimate load. At that point the acoustic output starts to take place and 
thereafter monotonically increases in intensity up to the point of failure. The generous separation 
between the point of acoustic emission onset and ultimate failure provides more than enough lati- 
tude in adjustment of the load level to insure that early phases of failure can be captured. 

This type o( trend having been established, selected specimens were loaded to the point of the 
initially rising signal and then removed for dye penetrant inspection. With graphite epoxy com- 
posites it was helpful to precoat the specimen with white spray paint prior to applying the dye 
penetrant in order to obtain sufficient optical contrast to insure visibility of cracks.  Figures 14 
and 15 show two specimens subjected to such treatment. The T300/E797 specimen seen in Figure 
14 shows clear-cut evidence of the initial DEL-FS failures described in Figure 11(C), (Edge View). 

re 15 shows results obtained on a film-reinforced angle ply laminate consisting of ± 30° C MOD 
11/5206 to which are added Kapton film layers containing vapor-deposited boron. (The film- 
reinforced composites were produced by the Cabot Corporation. Properties of film-reinforced 
composites as well as the boron-on-Kapton film were discussed by Padawer [161 •) The film layers 
tend to provide in-plane shear rigidity to the composite which helps to reduce the magnitude of 
interlaminar shear stresses as well as the boundary layer thickness. 

The fracture surface seen in Figure 14 clearly shows the development of both DEL and FS- 
type failures. That in Figure 15 suggests that delamination is the first damage mode to occur as the 
FS mode is less clearly developed here than in Figure 14. This is to be expected since the film pro- 
vides a large degree of enhancement of the transverse strength in the plies making up the laminate. 

In general the results shown in Figures 14 and 1 5 tend to confirm the assumption that failure 
in the C configuration laminates initiates in the vicinity of the free edge in the form of combined 
DEL-FS fracture.  It is of some interest to determine whether the DEL or FS mode is the earliest 
form of damage since this would affect the way failure predictions should be applied to the stress 

277 



00 



3.0 h 

2.5 

I20 

a 

-1.5 

£ 

?i.o 

0.5 

28.8 

25.6 

22.4 

-£19.2 
5 
3 

h  cl6.0 
3 

112.8 

3 

| 9.6 

h      6.4 

h    3.2 

L     o 

a. Acoustic Emission Count 

AE Count (Total) 25.7 

Composite Area 
Cross Section 

1.00 in. x 0.094 in. 

Fracture 
Stress (ksh  [24.0 

1000 

900 

BOG 

3.0 

2.5 

£2.0 

!1.5 

gl.O 

0.5 

700 

- -S 600 

h °" 500 

\- £ 400 

a 

h      300 

h      200 

h-     100  h 

i) L 0 

b. Acoustic Emission Rate        \ 

Bandwidth: 100 kHz -2000 kHz 
Gain: 80 db 

Fracture 
Stress 

(ksil 

24.0 

0 0.001 0.002        0.003 0.004 0 0.001 0.002        0.003       0.004 
Composite Strain (in./in.» Composite Strain (in./in.) 

Figure 13. Acoustic Emission Count and Rate Plus Composite Load as a Function of Composite Strain for 
MOD II/5206, ±30°C Configuration 

279 



Figure 14.   Initial Damage in (+304/-304)s T300/E797 
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I - PVD Boron/Kapton Substrate.   Ref. 16 

GR-E -MOD 11/5206 

Figure 15.  Initial Damage in Film-Reinforced ±30°C, MOD 11/5206 
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State at the free edge. The results to date do not resolve the exact sequence of events but it is felt 
that the techniques which have been discussed have the power to do so provided more complete 
observations arc made at the early part of the failure process. 

A further result of the dye penetrant studies is the indication that the initial DEL-FS failure 
is semi-stabilized in the early stages of loading. If this were not true, it would not be possible to 
effect load removal before the initial failure propagated across the whole width of the specimen. 
This stabilization of the initial damage is further confirmed by the observations made using high 
speed cinematography to be discussed next. 

c.     High Speed Cinematography 

One 30°C specimen (MOD 11/5206) was loaded at a deflection rate of 2 in./min. corresponding 
to a nominal strain rate of 0.55%/sec, considering the gage length to be the 6" distance between tab 
ends indicated in Figure 1. A Hycam* 16-mm model 41-0004 high speed camera was used to photo- 
graph the specimen at 541 1 frames/sec during the loading period. The specimen was provided with 
a 1000 line/in. moire grating using the technique described in [6), so that the visual record illus- 
trated by the results shown in Figure 16 consisted of a time history of the axial displacement field 
as seen looking normal to the 1" face of the specimen. The filmed record wliich was retained in- 
cluded the last 460 frames prior to failure, corresponding to a time increment of 0.085 sec i 
strain increment of about 0.04675%; this increment amounts to about 10% of the ultimate strain 
capability of the specimen. 

Moire fringes of the type seen in Figure 16 were discussed in Ref. [6]. These were used to 
obtain the displacement profiles shown in Figure 4. The main feature of the results shown in Fig- 
ure 16 is the development of an FS crack at the upper edge near the right side of the picture, start- 
ing at frame 149. The distortion of the bright fringes into an arch-shaped formation indicates that 
different-order fringes have come into contact, a situation signalling the presence of a crack-like 
dislocation across which a displacement discontinuity can take place. Since successive fringes rep- 
resent increases in displacement of 0.001" corresponding to the 1000 line/in. grating density, an 
arch formation developed by the joining of fringes separated by n orders represents a displacement 
discontinuity of n X 0.001" which gives an estimate of the crack opening displacement at the point 
where the crack intersects the arch.   Figure 17 shows the crack advance history (i.e., distance of 
advance normal to specimen edge) which can be deduced from the results shown in Figure 16. Note 
that a period occurs during the last 0.02 second of loading during which no advance takes place. 
This is consistent with the conclusion obtained from the dye penetrant examinations that the 
DEL-FS failure tends to become temporarily stabilized. At present it is felt that the stabilization 
point may be related to the intersection point 1 designated in Figure 11(C). 

PROPOSED MODEL FOR THE FAILURE OF ANGLE PLY LAMINATES 

Understanding of the progression of failure in composite materials is made difficult by the 
possibility that the interaction of adjacent layers may have a large effect on the nature of the failure 
after it has initiated.  The initial form of damage can be predicted in most situations by existing 
computational tools. Once a crack has formed in a given layer, however, it is generally bridged by 
fibers of some other layer and unless the first damage involves fiber breakage, its progression may 
be strongly inhibited by the bridging fibers so that subsequent damage may be forced to take a 
form different from that of the initial damage mode. 

"Manufactured by Red Lake Corporation, Santa Clara, California. 
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347-460 

figure 16. Selected Frames from High Speed Film Strip 
(5411 Frames per Second). (+304/-304)s MOD 11/5206. 
Applied Strain 0.5% to 0.55%. Moire Grating 1000 Lines 
per Inch. 
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Figure 17. Progression of FS Crack Determined from 
High Speed Motion Picture 
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Figure 18 shows a possible scheme describing the progression of events in DEL-FS failure, be- 
ginning with an initial FS crack in the outer (+0) layer which is stopped at the -0 plies which bridge 
it.  Subsequently, the shear stress at the root of the FS crack gives rise to delamination failure as the 
next stage in the process, this being the only available failure mode at that point.  It is likely that as 
a portion of the upper +0 layer is unloaded by the Stage II delamination, increases take place in the 
in-plane stresses in the central (-0) layer, corresponding to increases in aj and TU in that layer. At 
some point after the delamination begins, a second FS crack therefore develops. Again the FS crack 
is bridged by the fibers of the neighboring +0 layers and it can progress only through the thickness 
of the -0 layer, being followed by a second delamination shown as Stage III in Figure 18. Eventu- 
ally these combined events lead to the converging FS and DEL surfaces sketched in Figure 11(C). 

An alternative scheme may be proposed in which the first damage is the DEL mode but which, 
again, causes aggravation of stresses oj and TLJ resulting in FS crack formation at the tip of the DEL 
crack. Existing analysis [1-4] which can be used to compare the relative levels of in-plane stresses 
and interlaminar shear stresses can be used to resolve which mode is likely to be the first, and can 
identify the load level at which the earliest damage can be expected. 

Once the FS surfaces have converged to their intersection point, it is of interest to determine 
the conditions under which the FB mode develops as opposed to further propagation of the DEL- 
FS failure.  Figure 19 describes the details of a concept for pinpointing the features which control 
the transition situation. As shown in Figures 19(A) and (B), the FS cracks form the boundaries of 
a triangular region containing essentially unloaded material, with the result that the V notch shown 
in Figure 19(C) has effectively formed at the edge of the strip. In-plane stresses in the fiber direc- 
tions would rise considerably around the tip of such a notch due to the associated stress concentra- 
tion, and for low orientations would tend to become high enough to break fibers at relatively low 
loads. (Indeed for an ideal sharp tipped notch the stresses would be infinite, similar to the situation 
at a crack tip.) At the same time the delamination and fiber separation cracks tend to unload the 
laminate in a direction causing lowering of interlaminar shear stresses so that the tendency for FS 
and DEL to propagate further is reduced. Some light on this aspect of the problem is given by the 
results of [ 1 7] which dealt with three-dimensional analysis of stresses around edge cracks in graph- 
ite epoxy angle ply laminates.  Near the crack flanks where the material is unloaded to a large extent 
the interlaminar shear stresses appeared to be much below the values observed near free edges in 
unnotched laminates [ 1-4. 17J. The situation in the case of V notches would vary somewhat from 
that of the edge crack but similar tendencies should be observed in regions of unloaded material 
near the notch flanks. While the studies conducted here do not provide sufficient information to 
determine which mode will be obtained after the FS intersection point has been reached, they do 
point out what further steps can be taken to clarify the situation. 

Two types of study are of immediate interest in this regard: (1) an experimental study of 
V-notched angle ply laminates to confirm that their failure load and type of failure is similar to 
that ultimately obtained in unnotched angle ply laminates; (2) an analytical study involving 3D 
stress analysis of V-notched laminates to determine the relative level of interlaminar shear stresses, 
thereby confirming that these are sizably reduced when the effective V notch has formed. 

The main result of the present study has thus been to identify the distinct phases of the failure 
process in angle ply laminates and to single out the above points for further clarification which will 
provide improved understanding of the failure of composite laminates in general. 
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Figure 19. Details of FS-DEL Failure Zone and Effective Edge Notch Model 
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CONCLUSIONS 

The results of the failure tests on A and C configuration laminates provides clear evidence that 
the mixing of orientations as in the A configuration is effective in eliminating the degrading effects 
of the stress field in the vicinity of free edges. Failures in C configuration laminates tend to take 
place at the low loads predicted for failure at the free edge where in-plane shear stresses which tend 
to strengthen the laminate in the interior regions are lacking. Failure stresses in A configuration 
laminates are significantly higher than in the C configuration and in some cases reach the predicted 
values for the interior region which take the in-plane shear stresses fully into account. Lower inter- 
laminar shear stresses and smaller boundary layer thicknesses which are believed to occur in A con- 
figuration laminates are the main factors involved in achievement of higher tensile strength values. 

At high orientation angles failures tend to take place purely through DEL-FS, with no fiber 
breakage. At low orientations the FB mode becomes important and appears to initiate at the inter- 
section point of the FS surfaces in the +0 and -6 layers. 

The triangular zone of material bounded by the FS surfaces being unloaded, the initial 
FS-DEL forms an effective V notch at the edge of the composite. Whether the FB mode comes 
into being or subsequent failure involves further DEL-FS is a function of the in-plane stress con- 
centration at the V-notch tip, the resolved tensile stresses in the fiber direction and the degree to 
which interlaminar stresses are lowered in forming the effective notch. 

Acoustic emission appears to be a valuable tool for identifying first damage modes. Further 
study involving the use of acoustic emission to signal the point of earliest damage together with dye 
penetrant inspection to identify the nature of the damage, especially to determine whether DEL or 
FS takes place first, is desirable. 

RECOMMENDATIONS 

Further studies should be carried out to establish the validity of the "effective V notch" con- 
cept for understanding failure progression beyond the FS intersection point. These would include: 
(1) experimental studies of edge-notched angle ply laminates to establish the similarity of failures 
to those in unnotched laminates; (2) 3D stress analyses to determine the degree to which inter- 
laminar shear stresses are reduced when the effective V notch has formed. 

Additional studies using acoustic emission together with dye penetrant or other appropriate 
methods for damage characterization should be carried out. 
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