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PREFACE

This Lecture Series, No.83 on the subject of Modern Prediction Methods for Turbo-
machine Performance, is sponsored by the Propuision and Encrgetics Panel of AGARD
and implemented by the Consultant and Exchange Programme.

Propulsion system development costs may be significantly reduced by improvement of
methods for prediction of compressor and turbine component performance, and by preli-
minary study of the interactive operation of compressors and turbines with other system
components. After the build-up of development engines, it is neeessary to understand and
carcfully plan the process of rematehing of components for opiimum system performance,

AGARD Lecture Serics Number 82 includes lectures and o panel discussion on the
historical background cf turbomachine performance prediction, on current procedures for
estimation of overall and blade row performance characteristics, and on qualitative and
quantitative turbomachine performance information necded for evaluation of the effects
of compressor and turbine behaviour on the complete propulsion system. The iectures on
component performance prediction cover both current and developing technology for axial-
flow compressors and turbines, centrifugal compressors and radial-inflow turbines,

Prof. George K.SEROVY
Department of Mechanical Engineering
lowa State University of Science

and Technology
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INTRODUCTION

George K. Serovy
Professor of Mechanical Engineering
Iawa State University of Science and Technology
Ames, Iowa 50011
United States of America

Alrcraft propulsion system developmant time and cost could be significantly reduced if we
could predict, with precision and confidence, the performance characteristics of fan, conpres-
sox and turblne components, This comment, in different forms and in different languages has
been repeated on countless occasions during the past thirty years in meetings and in publica-
tions of technical socleties and AGARD, as well as in the internal discussions and program
plans of government agencies, manufacturexs and academic rescarch institutes. The comment is
"understood" by engineers and scientists working in all phases of turbojet and turjofan engine
and component research and development. It is, however, necessary to be certain that the com=
ment and the real nature of the problem are not only “undexrstaod" by these engiaeers and scien-
tists, but also that they "understand" each other qualitatively and quantitatively when they
discuss it. We hope that this Lecture Series will bring together the turbomachinery specialists
with those working at all levels of the aircraft engine development process, We hope to define

carefully requirements, methods and currently achievahle results,

Prcdiction of turbomachine performance is one of the nost difficult problems in applied
fluid dynamics, Flow patterns in compressors and turbines operating at their design points
are complex, but operation at offw-design flows and rotational speeds, cx with nondesign en-
trance flow distributions or exit boundary conditions introduces additional regions of sepe
arated or choked flow, often accompanied by excessive aerodynamic or aeromechanical instability.
Furthermore, all of these difficulties occur at so-called "equilibrium" turbomachine operating
points. The time-dependent behavior of a fan, compressor or turbine component when operating in
the engine environment, with heat transfer and storage plus gas dynamic phenomena, adds anotherx

disturbing dimension to the stoiy.

In the first lecture Dr.-Ing. K, Bauerfeind will describe turbomachine performance predic-
tion requirements from the point of view of propulsion and flight system simulation and per-
formance prediction. I belleve thal his 1eview of the current status of simulation programs
and capabilities will establish objectives for evaluating our present position in estimating

and computing turbomachine pexformance.

My lecture will then follow *he pattern of development of compressor and turbine performance
prediction systems during the past thirty yeaxs., I will try to tell you what these systems arc
and what they have done in the past. Each group of prediction systems has limitations which should

not be disgulsed or neglected.

Mr. R. A. Wall will then describe the employment of performance prediction techniques in the
process of design selection and optimization of axial-flow fan and compressor units for engine
application. His presentation will emphasize the present situation in compressor performance
estimation and some ideas which may influence future component designs.

In the fourth lecture R. A, Naovak has summarized recent progress in his long-standing
efforts in computation of turbomachine internal flow fields. In this most difficult area of
performance prediction he has given us through the years some of the best available computation
systems and results for typical compressor and turbine configurations.

Next Dr. David Japikse will review the situation in pexrformance optimization and estimation
for centrifugal compressoxs and radial-inflow turbines. Unique features of the overall problem
exist for these geometries and they will be discussed as we attempt to find common bases faor our
future work,

M. A. G. Habrard will deliver the last foxmal lecture as a description of how predicted
and measured installed performance of turbomachines are utilized in the more advanced phases
of the propulsion engine development process, Requirements and methods used at this stage are
samewhat different and call for integration and evaluation of immense quantities of inforxmation

in order to achieve optimum engine performance.

To conclude the Lecture Series, we will all serve as members of a "round table" ox panel,
to discuss conclusions and recommendations. I would like to request full and active participa-
tion of everyone in attendance during this discussion. We have an extensive and important suba

ject to review and your suggestions and ideas will be welcome,
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L AIRCRAFT GAS TURBINE CYCLE PROGRAMS -
£ REQUIREMENTS FOR COMPRESSOR AND TURBINE PERFORMANCE PREDICTION

Dr.~Ing. K. Bauerfeind
L Motoren- und Turbinen-Union Minchen GmbH

SUMMARY
Qver the past two decades a lot of effort has been devoted to the development of engine computer models, since

. the success of on engine progrom  depends to a large extent on the quality of the thermodynamic engine model, The

e simulated engine performance data is the basis of practically all the engine design work. Furthermore it is being used for

3 contractuol work as well os for the evaivation of the flight performance of the aircroft. Simulations are carriad out to
understand and sofve development problems and to investigate failure cases. For o flight simulotor the engine model
reprasents o very essential part. Such a modem model of o gos turbine engin~ does not only cover the steady state working
range betwaen idle speed and full power but con also simulate starting, windmilling ond transient performance respecti-
valy around the flight envelope. 11 is quite obvious that the accuracy of the performance predictions will primarily de~

pend on the quality of the component performance uted. In this context both the compressor ond turbine characteristies

are of particular interest. The turbo machine specialists are required to predict ond specify the performance of their com=

ponents in a suitoble form over a very wide working range. They must also consider and specify the installation effects for

their components when working in « practical engine with different clearances and in some cases suffering from aerody- -

namic interaction effects with other components,

CONTENTS

1. Typical applications for an engine performance program

2. Characteristic structure of o thermodynomic engine model for steady state performance

3. Non-dimensional engine performance derived from non-dimensional component performance

3.1 Non-dimensional compressor characteristic :
2

3.2 Non-dimensional turbine characteristic

4, Corrections for typical dimensional effects E

4.1 Reynolds~Number changes }

4,2 Clearance changes

4.3 Pressure and temperoture profiles

4.4 Secondory airflows :

4.5 Varidble geometry

5. Extension of the engine model to cope with transients E

6. Extension of the engine model to cope with windmilling ;
H

7. Resulting requirements for compressor ond turbine performance predictions :
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1. TYPICAL APPLICATIONS FOR AN EMNGINE PERFORMANCE PROGRAM

A comprehensive engine performonce program can generally be used in two different modes, nomely the engine
design mode and the synthesis mode. During tha initial phase of a new engine project 1t {s being operated as a tool to opti-
mize the thermodynamic cycle data to obtain the best possible match of the many prevailing raquirements. This uptimisation
work is in many cases a complex iterative process. Usually the performance engineer storks with o rough guess of the com~
ponent performance ond scales these components In a suitable manner in order to come as close os passible to the perfomance
requiraments for his new engine. The companent performance engineers have then to refine the assumptions made on the
basis of the technology available, Together with the inputs from design, stress and cost evaluation the new engine takes

shape and the cycle data togather with the main dimensions of the components und flow passages are fixed.

After the engine has been vero-thermadynomically defined ond the important control limits specified the second
mode of the engine performance program can ba used to compute installed and uninstalled engine performance around the
flight envelope for different power settings, alr ond power off-takes ete., The engine performance progrom is now being
used to produce performance data required by the airframe manufacturer, to establish performance guarantees, to provide
the information required to stress the angine and to specify the subsystems to name just a few of the main objectives at
the beginning of a project. Immediately afterwards information is required about things like start up performance, wind-
milling and altitude light up capability, rapid thrust changes etc, The simulation of fallure cases, production tolerances

efc, is yet another area where the performonce program is belng used.

1t is cloar that there is a definite requiremant to continuously update the engine model with the best and most
realistic information avoiluble at the time. This information can come from either rig ~r actual engine festing. In mast
cases it is practical to have at least two engine models avallable, one for the development standard achieved ot the time
and the other one for the target standard. Fig. 1 gives a very rough indication of the important milestones during an engine

developnient program, at which points of time updated component information is required.

2. CHARACTERISTIC STRUCTURE OF A THERMODYNAMIC ENGINE MODEL FOR STEADY STATE PERFORMANCE

Fig. 2 shows in very general terms the structure of such an engine computer mode!. The computation routines can
be controlled from the input to either work in mode 1 (specificotion of the cycle data - determination of the geomatry)
or in mode 2 (specification of the engine geamatry = computation of the cycle data), The computations required for a
single shaft straight jet engine according to mode 1 are o fairly simple and stralght forward affair. On the other hond the
computation of the performance (mode 2) of a three=spool bypass engine with mixed streams and afterburning is already a
very lengthly and complex job. To compute just one operating point would take u man equipped with a desk caleuiating
machine between 1 and 2 menths. Therefore very fast elactronic digital computers are being used. To give an example for
the alraady mentioned three spool bypass engine with mixed streams and afterbuming, MTU uses an IBM 370/155 , A storage
capucity of 250 K is required and the computing time Is approx. 5 sec. It can be shown that the type of computation routines
used is very important as far as the required computing time is concerned since a lot of iterations have to be performed. The

aero engine manufacturers usually invest a ot of money into the development of their engine computer programs,

3. NON-DIMENSIONAL ENGINE PERFORMANCE DERIVED FROM NON-DIMENSIONAL COMPONENT
PERFORMANCE

The characteristics of the turbomachines are usually presented in terms of parametors which are equivalent to two
characteristic Mach-Numbers. It should be noted that in some coses the so called non-dimensional parameters are in actual
fact dimensional bacause certain constants have been omitted for reasons of convenience. Fig. 3 shows a typical compressor
characteristic, where the inlet mass flow parameter (abscissa) is equivalent to an uxial Mach-Number, while the speed
parometer N/ \j_'l"t represents a Mach=Number in circumferential direction. Instead of the total pressure ratio sometimes
the parameter H/T' is being used, The efficiencies can be defined as either itrentropic or polytropic. Like with most cam~-

ponents, compressors have certain operational limits beyond which operation is not possible. These limits are:

e agtald 00

b

S il _memu il




A )

ks

(T R R e

s Bl S o

= Physical shaft speed N
max
- Non-dimensional speed  (N/ VI max
- Choke flutter boundary at low operating points where blodes reach o dangerous vibration level due to high
local Mach~Numbers (only with some compressors)
- Surge line obove which one blade row stalls leading to flow and pressure fluctuations which can be mild at
low speads but con be dongerous to the machanical integrity of the component when prevailing for a longer

period at high speeds.

It Is very ossential to establish these limits as scon as possible and as precisely os possible, With respect to the
surge margin required from a compressor for a porticular job the situation Is rather complex. Bosed on his simulation results
the performance engineer can define the surge margin required in the engina, This requirement has then to be tronslated
into the design or rig surge margin raquirement, depending on the flow distortion pattern the comprassor has to ~ope with
in the engine and on its own sensitivity to these distortions, This distortion pattern, however, depends to a large degree
on the aircraft intake characteristic and on the distortion attenuation or generotion charocteristic respectively of the com-
pressor operating upstream in the case of a multi compressor arrangement, Depending on the design rules used for the layout
of a particular fan or compressor, certain types of distortion patterns prevailing in the engine can actually improve its surge
line relative to the rig surge line, At least one ongine is known where a compressor is successfully operating in the installed
engine with a negative rig surge margin due to o favourable radial pressure profile. In most cases, however, some rig surge
margin is lost in the engine relative to the rig. This is particularly so with compressors working behind the fan in the core

engine. Here the loss of surge margin con be excessive If no special counter measures are being taken.

Fig. 4 shows the equival_ont characteristic for a turbine, Again the mass flow parameter M_VT;/Pt is representative
of on axial and the parometer N/'VT' of a clrcumferential Mach-Number, Apart from the mechanical ond thermal limits
in terms of NH mox and maximum permissable inlet temperature the turbine usually presents much less of a problem with
respect to aerodynamic limits, This is mainly so because it is olways easier to accelerate a gas flow rather than to decelerate
it as in compressors, Apart from this, turbines usually work only over a very limited range of their characteristic under

normal engine operating conditions. Exceptions are engine start ups and emergency shut downs and certain failure cases.

After having defined the characteristics of all the components the computation of engine performance can stort.
Although the thermodynamic basis of the computation itself is fairly stroight forward the required complexity of such o
computer program con become almost frightening when decling for instance with three=spool bypass engines with after-
burning and complex secondary air systems, The normal appreach is always to guess certain parameters at the beginning
like compressor operating points etc. ond to check later in the computation process whether the fundamental conditions
like equal work batween compressors and turbines, preservation of mass etc. are being met. In cose of disogreement an

iteration on the original guasses is carried out until the error is within a specified bracket.

Provided the assumption is made that:
- the flow through the engine is truely one=-dimensional and
- the turbomachines follow their characteristics over a wide ronge of absolute pressures and temperatures

then all the thermodynamic data con be expressed in terms of non-dimensional porameters iike pressure and temperature

ratios, mass flow and fuel flow parameters otc.

4. CORRECTIONS FOR TYPICAL DIMENSIONAL EFFECTS

Tha presentation of engine performance in tems of non-dimensional performance parameters had been the stendard
method for many years after the introduction of the jet engine. With an extension of the operational range of both military
as well as civil aircraft, the shortcomings of this method became more ond more apparent. The main reason for the dis-
creponcies between predicted non-dimensional performance and actually measured perfonnance lies in the fact that the
engine components and kere mainly the turbomachines can change their non-dimensional performance consideralby when
working in an engine over a wide range of inlet conditions, There are ¢ number of basic influences on the compressor and

turbine performanc : respectively which will ha briefly dealt with on a qualitative bosis, For a comprehensive engine per-
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formance computer model it is obsolutely essential to quantify these influances as precisely as possible. These influences
con affect efficlency, mass flow ond surge margin in the compressor and efficiency and mass flow in the turbine. A deterio-
ration of the efficlencles will always lead to a reduction of thrust ond an increase of the spacific fuel consumption, A
reduction of the mass flow at a speed, however, does not necessarily lead to any performance degradation at all providing
the shaft speeds are still clear of thelr respc.iive limits, A drop of the compressar surge line on the other hand adversely
affects the handling qualities of an enui -u by reducing the potential for both fast accelerations and power off-takes re-
spactively. Depending on the par!i . ular caze the degradation of o rotating component relative to tts ideal rig performance

can be appreciable.

4.1 REYNOLDS-NUMBER CHANGES

It has been known for a lang time that the non-dimensional perfoimance of turbo machines can be affected when
reducing its Reynolds~Number below a certain leval The criticol level below which this Influence becomes important
depands an the design parameters of the component, including things like blade surface quality etc. When operating in
this regime on increasing deterioration of the component performance in terms of efficiency, mass flow and compressor
surge line can be ocbserved. The level and -ange of Reynolds=Numbers encountered in an engine depend on the dimensions
of the particular component and its wo''iing pressurss ond temperatures respectivaly, In many cases it hos proven sufficient
to present the Reynolds=Number effect in a simplified form as shown in Fig. 5, whera the temperature term has been
neglected. There is usually a definite requirement i_ rig tast compressors and lurbines which have to work below the
critical Reynolds=Number level over an as wide os possible ranga of obsolute pressures. This usually requires testing in
a high altitude test facility in order to simulate at least something lik . the actual inlet conditions as encountered in the

engine.

4.2 CLEARANCE CHANGES

It 1s the usual aim for any good design to keep the changes of tip and seal clearances cver the engine range of
operation as small as possible, A lot of effort has been devoted to the development of compenscting casings, abreidable
coatings etc. Nevertheless, after the running in procedure certain clearances do exist and they usually change over the
operating range as a function of the temperature dist-ibution and rotational speeds respectively. It is therefore essential
to e. slore on the rig the influence of different clearances on the component mass Fiow, efficiency and surge margin and
to ¢ pute the realistic clearances ot least for a number of important corner points within the operational and flight

envelope of the engine.

4.3 PRESSURE AND TEMPERATURE PROFILES

Originally all engine performance calculations had been based on the assumption of one=-dimensional flow with
constant pressures and temperatures pravailing at sach cross section cf the flow paths of the engine. Soon it became
apparent, hiowever, that this assumption is not justified in many applications. The aircraft intake togehter with the angle
of attack or sideslip of the aircraft can praduce rather severe pressure distoitions of both the static and the instantaneous
type in the entry plane of the first compressor. These distortions are then being more or less attenuated in the downstream
components of the engine, Apart from the intake/flight anlge induced distartions some of the engine components them-
selves can produce considerable distortions. Typical examples are the fan of a bypass engine whase flow split usually
varies with operating conditions, resulting in sometimes considerable pressure and temperature gradients in its outlet plane.
Experience has shown that ot least for the low bypass ratio engine realistic fan performance can be presented by defining
exit temperature ond pressure profiles varying as o function of N/_V'T:and/or bypass ratio. With the high bypass ratio fan
usually a number of characteristics is being generated for distinct bypass ratios. These charactoristics are stored in the

computer which con also interpolate between the characteristics .

As mentioned already thare it usually a pronounced aerodynamic interaction effect between the fan and the

following core engine compressor with the main effect on surge margins, Support struts, swon necks etc. ars components
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which induce circumferenticl and radial profiles respectively, The combustion chamber on the other hand usually intro-
duces a rather pronounced temperatura profile for the turbines. The radicl cemponent of the profile is intantional in order
to thermolly unload the hib ard root section of the turbine blodes,

Becouse of the pressure and temperature profile problems which have to be simulated for the rig testing it Is

usually very desirable to have for the rig testing the some instrumentotion os installed in the development engines,

4.4 SECONDARY AIRFLOWS

Apart from the primary airflow down the main path through the engine there are a number of secondary airflows
which con offect the performance of the components and should therefore if at all possible be included in the assessment
and rig testing of the components. Typica! secondary flows are:

- Anti-~icing air to the front part of the engine

- Air bleed to unload the compressors and to improve handling under critical conditions
- Alr off-takes to drive accessories

- Cooling air for the hot parts

- Internal recirculation of air flows due to non-perfect sealing of high pressure areas

- Air for compartment pressurisation

It is in many cases essential to separately declare power losses due to wall fricticn, ventilation bearing friction
and air pumping in the cose of alr cooled turbines Sometimes thase parasitic losses are included in the component efficien-
cles. The inclusion of all the secondary air flows in the engine computer mode! is a must, their simulation on the various
component rigs highly desirable. The largest influence of secondary flows on component perfarmance is usually found with
air cooled turbines which can in some cuses lose more than 3% efficiency relative to the ideal aerodynamic rig without

any cooling flows,

4.5 VARIABLE GEOMETRY

In some cases variable geometry in terms of variable angle stators in both compressors and turbines is employed.
While the variable compressor geometry is usually used to improve the handling or to reduce the noise level in the case
of fans, varlable nozzle guide vanes on low pressure or free power turbines can be used as active varicble geometry in
order to influence the cycie data. in either cose no extra porblem is being intraduced as long os the voriables are scheduled
as a funcrion of o non-dimensional parameter for instance as f (N/VT‘). in this case the resulting performance charac-
teristic con still be presented in non-dimensional terms. in the more general case, however, where tha variables are being
controlled as a function of a dimensional parameter, o number of destinct choracteristics for a number of stator angles has
to be generated and automatically interpolated in the engine computer model. Only in some special coses where the change
of the charactoristic is small for the full ronge of the variables con a procedure be used where the important parometers of
the component characteristic are being scaled as a function of the actual guide vane angle. Such szaling factors have

usually to be presented as a function of both stator angle ond N/W' as well.

5. EXTENSION OF THE ENGINE MODEL TO COPE WITH TRANSIENTS

The computation of transient perfarmance is always based on establishing the positive or negative excess torque
of the turbine over the compressor at any instance of time. This excess torqua together with the total polar moment of
inertia of the shaft is then tumed into an acceleration or deceleration rate respectively. A simple step by step integration
process is used in order to determine the shaft speads for the next point after At [s] has elapsed. The performance
computation to be carried out at aach point of time is virtually the same as for steady state conditions with the following
exceptions:

- The heat exchange between the gas flow and the engine components should be allowad for. It has been found
that up to 25 % of the overfuelling during a fast acceleration can be absorbed for the heating up of the blades,

casings, liners, rotors etc.
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- The different expor 1ead to transisnt clearance changes with a resulting effect on the transient
performance of the nhs.

- The heat exchange In the compressors and turbines is similar to the effect of interstage cooling or heating
respectively with a resuiting effact on the efficiency of up to + 2%.

- in soma cases the high frequenry regime is Important. Here the intersiage volumes have to be taken into

uccount In order 1o simulate the smuli delays occuring when filling up volumes with gas due to pressure ond

teniperature changes.

Besidas the normal tronsients batween idle speed ond full power the power assisted start up process is of parti=
culor interest, In formar years o clover astimate of the starter motor size required was usuolly sufficient. Modem engines
with thelr hihgly looded compressor:, however, need in many cases much more ottention belng given to the stort up per-
formance. For the simulation the component characteristics ore required right down to very low speeds. Experfence has
shown that it is in muny cases prudent or aven essential to test the compressor performonce in the low speed regime In
a mannier which is equivalent to operation of the compressor during start up, Some compressors exhibit double characteristics
in this regime depending on how a particular operating point is being approached. A good simulation based on realistic
component data does usually give o realistic indication of the surge margin required in this regime. On a number of recant
projscts comprassor development work had to be carried out In order to improve the low speed performance for starting.

(f on engine is in trouble with respect to starting it usually hangs up at a fairly high speed which cannot be exceeded even
if more fue! 1s being scheduled because the temperature limit is quickly reached or even exceeded. In such a situation only

three measures can holp. They are:

- More powerful starter motor with high cut out speed
- Compressor bleed sither interstage or at delivery in order to unlocd the compressor

- Compressor development work to improve the low speed characteristic

In eny case it |s essential to build and instrument the compressor rigs such that at least the core englne compressors

can be tested dawn to very low speeds of say 10 % of design speed.

6. EXTENSION OF THE ENGINE MODEL TO COPE WITH WINDMILLING

The windmilling performance of an engine can be very impoitant for both the altitude light up celling and the
power off-take capability to satisfy the emergency requirements with respect to the control of the olrcraft in the case of an
engine flame out, The simulation of the windmiiling performance is possible but asks for special information on the com-
pressor and turbine component performance. There ore distinct differences in the modes of the component oparations when
applying @ ram ratio across the engine without generating a temperature rise in the combustion chamber, Two classical

cases arc possible depending on the ram ratio:

Case |1 The compressor works in the turbine mode and delivers power to the turbine, Whether the turbine generates any
pressure rise depens's on its efficiency level under these conditions. This mods of operaticn therefore represents

the oppasite of the normal mode of operation with the combustion fit,

Case 1I: Tho comprassor or fan obsorbes some energy from the dir stream but does not produce ony shaft power. The
pressure loss Is only so big that there 15 still some pressure drop across the turbine resulting in some positive
shaft power. This power is being absorbed by the compressor whose speed will therefore be somewhat higher

than for the case of zero power transfer.

it should be noted that under windmilling conditivre the direction of rotation is the same as under nomial operation. It
can easily be saen that tha stondare definitive of the iseritropic efficiency fz
and ',I is turb
o suitable presentation of compressor perfarmance when dealing with windmilling can be obtoined by replacing PtZ/Ptl

is compr = His/Heff for the compressor

= Hoff/His for the rurbine ccnnot be 1ised any longer for windmilling conditions. 1t has bean found that
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by H“/T', ond by HQH/T' , Therafore:
M /T, = f NI MYTP) and
Heﬁ/T'= f2 (N/VT—;; M—V—?'/P')

The most sultoble presantation of the turbine performance is:
MITR e /T )
Mot/ Ty = T /YT WM

This type of presentation will also lead to managable and symmetrical matrixes of the component characteristic In the

computer progrom,

Aport from the slightly different companent performance presentation required, additional information s needed
which connot usually be derived from the running of the components on the nommal rigs. Therefore this part of the com-
ponent characteristic riust either be obtained by on intelligent extrapolation or by testing the compressors on a kind of

turbine rig and vice versoa.

7. RESULTING REQUIREMENTS FOR COMPRESSOR AND TURBINE PERFORMANCE PREDICTIONS

Before summorizing the requirements for compressor and turbine performance predictions it should be made
absolutely clear that the component specialist must feel rusponsible and therefore try to predict the performance of his
component when working in the angine. The component rig must only be looked at as a tool to assist in achieving the
required componunt performance in the engine. Experience has shown that in many cases the more advancad highly loaded
components become more and more susceptable to the various installotion effects. Very great care hos also to be token
when an asrodynomic layout is being turned into on actual engine component by the designers. Ths aerodynamicists must
watzh and influence very carefully the design compromises that have to be made, Only after the design laycut has been
settled con the component speciallst define the target performance of his component. It is in hls interest to make sure
that the component rigs ure being built os identical os possible to the actuol engine component, making allowence for
things like exit profiles from the upstreom component, siruts, swan necks, secondary air flows, realistic clearances to

name jurt o few,

Another very important point to watch Is the definition of adequate instrumentation in both the engine and on
the rig. The component specialist should have an influence on the type ond arrangement of the engine instrumentation
in order to allow him to properly analyse any type of aerodynamic problems that might occur on his component in the
engine under realistic operating conditions. As far as the original prediction of component parformance is concernad the

following daio is required:

- Full performance coveroge for the ronge batween idle ond full power

- At least o good estimate of the vonge between zero speed and idle

- At least o good estimate of the windmilling regime

- Influencae factors on clearance changes

- Influence of the Reynolds Number

- Influence of the distortion level

- Information on the growth potential, mainly in tarms of moss flow ot o speed in case a rematch of the
engine is raquired ot a later stage

- Estimate of the noise level generated at the reievant operating conditions i

it had been indicated already that this information has to be updated &t certain milestones in the progrom parti-
cularly in the light of relevant rig results. |t is usually highly appreciated by the performonce area if the component

choracteristics produced cre smooth and suitabie for trouble free Interpolation in tha computer, !
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1t 1s generally accepted that the requirements llsted con only be satisfled If the component specialists can base
thelr predictions on some kind of test results cbtained from elther a research or a demonstrator progrom with at lecst similar
components, In the U.S. it hes been standard practice for mony years to only embark on on ombitions engine program after
having stalsfactorily performed o demonstration progrom with an engine made up of components close to thase of the final
product, In Europe the engine manufacturers usually have to demonstrate at least the oerodynamic potential of the assumed

component performance with the old of a component research program befora being given the go ahead for a new engine.
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COMPRESSOR AND TURBINE PBRFORMANCE PREDICTION
SYSTEM DEVRLOPMENT-~LESSONS FROM THIRTY

YBARS OF HISTORY

Geoxpe K, Serovy
Iowa State University of Science and Technology
Ames, Iowa 50011
United States of America

SUMMARY

This lecture reviews methods developed for prediction of aerodynamic pexformance of air-
craft propulsion system turbomachinery configurations. First, it traces progress in the two
classes of methods which can predict only overall performance characteristics or maps. These
nethods were conceived at least thirty years ago and are not only used, but continue to be the
subject of research today. Following this discussion, prediction methods which include flow
1 field definition in the blade pascages of compressors and turbines are described., This class
' of methods, of more recent origin, has been extremely difficult in both an aerodynamic and

computational sense. It is, however, the class which will be most rewarding in the long term.

SYMBOLS AND NOTATION

. A flow path cross-sectional area

; AF frontal area

; Dgyy blade section loading parameter (xef. 82) :

: H total enthalpy 3

; N rotational speed E

: P total pressure 2z

z' PR  pressure ratlo E

§ r radial coordinate

3 T, radius of curvature

5 T total temperature

i U blade speed

; v velocity . é
w flow rate o

NIRRT

axial coordinate i
ratio of total pressure to standard sea-level value
function of specific heat ratio (ref. 97) or streamesurface slope (Fig. 8) :

R W

ratio of total temperature to standard sea-level value i

z
6

€

n adiabatic (isentropic) efficiency )
6 .
[ circumferential. coordinate (Fig. 8) ;
:

squared ratio of critical velocity at turxbine inlet to standard sea-level critical

CR velocity (ref. 97)
LY flow parameter .
P v
3 ®  flow coefficient, (-2aky
5 B AHy i
. . i pressure coefficient, —-5532%52259 .
' Uy D
Subscripts S

in  compressor inlet

m mean radius
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1. INTRODUCTION

In one of the 1945 Institution of Mechanical Bngineers lectures on the early development
of British aircraft gas turbines, Cheshire (ref, 1) tells us that: "The basic compressor de-
sign of the early Whittle engine was fortunately such that the 'matching' problem outlined
above did not arise until these engines had been flown. No apparatus existed for xunning the
compressors separately and determining their characteristics, hence, since the operating line
only is obtained during the bench running, there was no possibility (apart from a slight and
almost valueless variation permitted by changing the propelling nozzle) of knowing where this
line was with rxespect to the compressox characteristics,

""As no surging trouble occurred during the early stages in the development, however, and
since (as will be shown later) the operating line apprcaches the surge line with increasing
speed, the compressors generally worked near the optimum efficlency values,"

A few paragraphs later in the Cheshire lecture we find other comments like those found in
some more current descriptions of engine development programs: "Surging, as first encountered
with the W2B type, took the form of a series of loud repoxts accompanied by violent shaking of
the engine, test frame, and test housc doors, together with a corresponding oscillation of all
instrument readings, when the engine was xrunning at 14,500 r.p.m., the design full speed being
16,500 ¥.p.m. . . . As it was a great number of diffuser and engine experiments were necessary
before the esscntials could be established, A series of mechanical failures to impellers and
diffusers served both to cause delays and ito cloud the issues. . . "

During the period of more than thirty years between the events described by Cheshire and
tha present, the issues have frequently been '"clouded" in engine development programs. In many
cases the problem within the cloud has been assoclated with unexpected characteristics of the
performance of fans, compressors and turbines,

In the first lecture Dr. Bauerfeind has defined broad and exacting current requirements
for prediction of compressor and turbine aerodynamic performance. These requirements are partly
the xesult of developm nt of large~scale computer-based methods fox simulation of the operating
characteristics of aix-breathing gas turbine engines, One of the objectives of the Lectuxe
Series should be to make sure that modern performance prediction methods for turbomachinery are
clearly understood by users of englne simulation systems, so that capabilities of the prediction
meilhods axe fully utilized, At the same time woaknesses in performance prediction should be ex-
posed so that improvements may be planhed for the futuxe and so that not too much will be ex-
pected at present,

We will also, in this and subsequent lectures, be looking at turhomachinery perfoxrmance
prediction from the point of view or turbomachlne design and development specialists, The
nature of the methods which are of most interest to them should be known to those cancerned
with other aspects of propulsion system development.

The objective of this lecture is to give a general view of the progress made in methods
for fan, compressor and turbine performance prediction during the perilod since 1945, and to
point out how requirements for prediction have changed during that time to include new aero-
dynamic and aeromechanical characteristics of performance., The lecture should tell you why
the methods to be discussed by Mr, Wall, Mr. Novak and Dr. Japikse are among the best in ex-
istence today, and why the development methods presented by Mr. Habrard will continue to be
needed in the forseeable future,

2. ELSMENTS AND CONTENT OF COMPRESSOR AND TURBINE PERFORMANCE

2,1 Overall Component Performance

Compressor and turbine pexformance prediction has two separate but related meanings for
the turbomachine specialist. In the context of the first meaning we include estimation of the
component overall pexformance map, as represented by the axial-flow compressor characteristics
shown in Figure 1 (ref. 2)*. This performance map describes a number of important features of
the equilibrium operation of a particular compressor, including pressure ratios and efficien.
cles which will be developed by the compressor foxr a range of flow rates at a given rotational
speed. It shows that at each rotational speed, a maximum flow rate seems to exist, Themap also
shows that at each rotational speed there is a lower-flow limit on stable aerodynamic operation
defined by the surge line. It should be remembered that maps of this type describe the per~
formance of a fixed-geometry turtomachine, or at least the pexformance of a turbomachine with a
specific geometry for each individual operating point. For example, onhe or moxe blade rows may
be set at different angles for low rotational speeds than for higher speeds or bleed ports may
be opened at some speeds and closed at others on a given map.

*A parallel description could follow foxr a centrifugal compressor, or for an axial-flow
or radlal-inflow turbine.
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Maps such as Figure 1 omit numerous significant characteristics of the operating behavior
of a turbomachine. As a starting point, Figure 1 does not show effects on performance of
changes in gas properties such as molecular weight and specific heat ratio. Neidther does it
show the effects of Reynolds number 2nd inlet turbulence on performance, By correct utiliza-
tion of the complete similarity parameters, maps such as Figure 1 can be used to predict the
performance of a machine which is in all respects geometrically similax, but only if Reynolds
nunbex and inlet turbulence cffects are negliglble ox known, In all cases in which geometxic
similority 1s called for, it must be recalled that this means exact geometric similarity, in.-
cluding similarity of tip clearances, blade section geometry (e.g., roughness, leading-edge
thickness) and sealing arrangements, One additional significant element of the overall per=-
formance of a compressor ls revealed Ly Figure 1. The general internal operating stability of
the compressor will be affected by the presence of regions of unsteady flow caused by flow
separation. In compressors, the well-known phunomenon of rotating stall can be an aerodynamic
and aeromechanical factoxr of importance.

Figure 1, howevexr, does not show in any way the effects on performance of modified en-
trance flow distributions such as distortedor transient inlet pressure, temperature or velocity
patterns (Fig. 2). Neilther does it show the influence of differences in discharge boundary
conditions which ordinarily exist between a test installation and the engine system. Finally,
it is impossible on oxdinary maps such as Figures 1 and 2 to locate regions in which the
various forms of blade flutter may exist and to determine whether (xef. 3) the stresses in-
duced will cause failure (Fig. 3).

The chara~teristics of turbomachine operation outlined above will be determined at some
time during propulsion system design, development, integration, sexvice intrxoduction or opera~
tion, If they are not determined by reliable prediction, then problems will be revealed and
eliminated only by mcre dangerous and costly experimentation as the system moves from design
toward operation, Sections 3 and 4 of this lecture are devoted to a historical review of the
development of our ability to predict the elements of compressor and turbine performance in
the design ohase of the propulsion system development process.

2,2 Flow Field Definiltlon

The second meaning of performance prediction involves the detailled compressor or turbine
intexnal flow field associated with each operating point on the overall performance map., This
aspect of performance prediction can be thought of as an extension of the computation methods
used for determination of compressor and turbine design point flow path and blade row geometry.

Flow field definition or design analysis computation methods use as ipput the turbomachine
geomatry. The output includes distributions of £fluid properties and velocities thxoughout the
compressor or turbine for specified off-design values of flow rate and yotational spesed. Ad-
vanced programs of this type determine distributions not only at the entrance and exit of each
blade row, but also in the blade-to-blade passages within each row. In fact, these blade-to-
blade distributions are the necessary input to some systems for estimating fluttex characteris-
tics and other aeromechanical features of blade yow pexrformance, Internal flow fields have
been studied for nonuniform compressor and turbine entrance flows using models which are ref-
erenced in Section 5.

Design analysis systems are an important means for optimization of design geomctry and
for locating requirements for variable gecmetry, They are, as compared to methods used only
in prediction of overall pexformance maps, time-consuming and capable of generating so much
information that the results become difficult to evaluate.

It is evident that by integration of the properties and velocities defined by flow field
computations, an overall performance map may be assembled., Turbomachinery aerodynamicists
commonly consider flow field definition programs to be the uitlmate in elegance, These pro=
grams ar~ also the ultimate in computational difficulty, and it will be part of the purpose of
Section 4 to describe past efforts so as to establish a base for Mr, Novak's recent and cone
tinuing work,

3, METHODS FOR GENERATION OF COMPONENT PERFORMANCE MAPS

For equilibrium-state and for transient simulation of aircraft gas-turbine propulsion
systems, we have observed a progression durlng thirty years from simple trial-and-error ox
graphical methods for compressor-turbine mailching to very complex digital, hybrid or analog
computer simulations.

A look back toward the ploneer reported work on component matching should include descrip- :
tions of matching techniques by Kihl (ref. d4), Goldstein et al. (ref., 5), Cohen and Rogers (xef, ' ;
6), Moxley (xef. 7) and Hodge (xef. 8). Applications to specific cycle studlies were covered o
for the equilibrium-state case by Mallinson and Lewis (ref. 9) and Goldstein et al. (ref. 3),
and for the dynamic case by a few reported studies such as Otto and Taylor (ref, 10),.
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In recent ycars we find that almost every propuleion research and development activity
has developed computer simulation methods for complax engine configuratlions. Both equilibrium
and dynamic simulations are well-documented and tested (refs. 11 to 26). Applications to cycle
and cont:ol system optimization are bath interesting and of obvious assistance in system devel-

opment.

A striking feature of both the pioneer and current matching-simulation investigations (as
well as those of intervening years) is that almost all call for the best possible representation
of overall fan, compressor and turbine component characteristics in the form of input of pex
formance maps. The mechanism for incorporation of the map data into the simulation varies, and
the map itself may vary, but the overall map ingxedient is present, For this reason, we need
to examine techniques (other than component construction and experimental evaluation) for gen-
eration of compressor and turbine maps.

3,1 Qualities of Performance Map Generalization Methods

We must remember that up to about 1945 very few compressor and turbine configurations suit-
able for propulsion system application had been built, and even fewer had becen tested as sepa-
rate components. 7The multistage axial-flow compressor was regarded with suspicion by some very
influential people. 1In view of this, it is suxprising to learn that there was a reasohable
undarstanding of many of the features of off-design performance for both compressors and tux-
bines. We can find references in the literature to impeller-diffuser matching in centrifugal
compressors, stage-interaction effects in axial-flow compraessors, and even to the effects of
inlet distortion. For example in Kihl's series of lectures (ref. 4) on gas turbine controls
he states: "The similarity must extend also to the supply and disposal of the air, that is,
the distribution of velocity, pressure, and temperature must be similar especially at the in-
let (in general, veloclty, pressure and temperature being constant).'

Howevex, up to 1945, the effects of flow path and blade row geometry on performance were
certainly not well defined. Therefore it is easy to understand why methods of performance pre-
diction for compressors and turbines were often bascd on the principles of similitude and on
attempts to develop parameters for generalization of the few available pexformance maps., Good
descriptions of generalization methods and of theilr use may be found in Howell and Bonham (ref.
27}, Robbins and Dugan (ref. 28), Kholshchevnikov (ref, 29), and Mellor and Root (refs. 30 and
31) for compressors and by Hoxlock for turbinmes (ref. 32), In each of these methods, a ref.-
erence operating point is utilized and map parameters ave generalized with respect to this
point, Users of each method are warned that particular generalized plots are associated with
families of related compressors, each based on a specific design philosophy. This is of course
recognition that no scaling method is of much value when significant geometric distortion is
involved,

Nevertheless, the generalization methods of References 27 through 32 are useful for pre-
liminary work. It should again be mentioned that additional empirical corrections to predicted
maps would be required for Reynolds number effects, nonuniform entrance conditions and other
map-influencing parameters mentioned in Section 2.1 (refs, 33 to 40). There is no way in which

generalized map prediction can ' used to estimate rotating stall patterns in compressors ox
aerxomechanical behavior for ge ‘ically nonsimilar turbomachines.
Most of the moderh engine wlation methods use quite simplified forms of campressor and

turbine map scaling. An example is round in the NASA digital simulation program DYNGEN (ref.

14), which requires input of fan, compressor and turbine maps by blocks of data giving numeri=-
cal values of parameters for individual operating points, The program then scales these real

maps to the simulated system map by the equation

PR . -
PR = ppdesddn —7 (PR, ~ 1) + 1
map, design ap
w
W s wdesign [wmap]
map, design
n
M = degign n ]
map

map, design

for the fan and compressor maps (and by similar equations for turbine map variables).

The DYNGEN program has no mechanism for correcting map prediction for Reynolds number efe
fects although other dynamic simulation programs do (for example, ref, 17), It is apparent that
if predicted performance maps are uced as input to typical simulation programs, they must be
remarkably similax to the actual maps of the system under study in order to obtain reliable
system simulation results. Dependable performance map genexalization methods could sexrve a more
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us@ful function in these cases if supplemented by empirical corrections for Reynolds number,
inlet distoxtion and othex aerodynamic parameters.

There has not been any significant reported progress in compressor and turbine performance
map generalizatlon methods during recent years. However, for both centrifugal and axial~flow
compressors, the simple an? «i.al+htforward nature of this approach makes it attractive for
propulsion system development applacations. Similaxly in the case of turbine configurations,
performance scaling methods based oh the principles of similitude are attractive.

3,2 Qualities of Stage Performance "Stacking” Methods

especially multistage axial-flow compressors, there bas been a good
deal of attention devoted to prediction of overall perxformance maps by "stacking" of predicted
perfornance of individual stages, Stacking techniques also have been used quite successfully
in compressor performance improvement by rematching. The stacking concept has appeared fre-
quently in the literature throughout the last thirty years and its advantages and problems

should, therefore, be considered.

For compressors, and

3.2.1 Origin and development of the stacking concept

It is difficult to identify the first utilization of the techniques of multistage compres-
sor performance estimation by stacking. The method is referred to by Howell (refs. 41 and 42)
and by Eckert and Schnell (ref. 43) as a method used in the early period of gas turbine develop-
ment, In 1952, Finger and Dugan (ref. 44) published a detailled description of the steps re-
quired to combine estimated or known stage performance curves into an overall map. The stage
curves were plotted as stage total pressure ratlo and adlabatic efficiency as a function of a
stage flow parameter. The total pressure ratioc and efficiency were based on mass-average
measured values from a single stage test and the flow parameter was determined from the same

stage data using the equation
- WV 84n /ein 1

(A )'

u/\/ 8in in

The principal result of the Finger and Dugan analysis was a clear demonstration of gualitative
changes in operating points on the indiv!dual stage curves corresponding to changes in overall
map flow vate and rotational speed for multistage compressors.

@

Following the Finger and Dugan work, Benser (refs, 45, 46), Huppert and Benser (ref. 47),
Stone (ref. 48), and Doyle and Dixon (ref. 49) studied in detail the relationship between stage
curves and overall performance with emphasis on stage stall and compressor surge line prediction,
Benser utilized stage parameters of pressure coefficient, y , and adiabatic efficiency N, plotted
against flow coefficient, ¢, These parameters are defined in the Section SYMBOLS AND NOTATION.
Benser also introduced the idea of a noncontinuous and double-valued form of stage characteristic
(Fig. 4) as a possible means for good definition of compressor behavior near the surge limit,

Possibly the greatest contribution made by stage-stacking studies during the early years of
the 1950-1960 decade was in its use as an aid to modification and improvement of the performance
maps of several multistage compressoxrs (refs., 50 to 53). Figure 5 (ref. 51) shows the perfor-
mance curves estimated by a stage-stacking method and measured for an NACA research compressor.
The compressor flow path and blading were modified on the basis of an analysis of individual
stage performance and the measured map of Figure 5 represents a conuiderable improvement over
the performance of the original compressor., However, the gquantitative results achieved by
estimation of performance maps using either generalization or stacking systems must always be
applied with care. Figure 6 (ref. 54) shows that this is true even when the most competent or-
ganizations are involved, The discrepancies of Figure 6 are typical of those expexienced hy

many organizations up to the present time.

3.2.2 Sources of stage performance curves

Both computed and measured stage pexformance curves have been used in stage-stacking methods.
Computed mean-radius analysis of stage flows as suggested by Howell and Bonham (refs. 27, 41, 42)
has been the most fiequently discussed means for estimating untested stage characterilstics, but
some analyses have used integrated stage performance from flow field definition calculations of

the type considered in Section 4.

When extensive collections of measured sta¢a performance are available, it is convenient
to use performance curves fitted to test data from stages having similar geometric properties.
This was the approach foliowed in most of the iniltial stacking investigations {for example refs.
44 to 47). It was also used in the construction of stage performance curves for ccmpressor ' de-
sign modification programs (refs. 50, 52 and 53) and the practice has continued through quite

current compressor prediction studies (40, 55, 56).
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3,2.3 Critique of stage~stacking

The difficulty in estimating stage performance Yor an untested compressor configuration has
preserted the greatest problem in obtaining reliable results. Best correspondence between pre-
dicted and measuxed overall maps has been achieved when curves are available for stages which
are very similax in a geometric sense and when these curves have been obtained from experiments
in a multistage compressor environment.

The reasons for the preceding statement should be apparent, Stage-stacking is nothing moxe
than a classical application of the principles of similitude. If similarity conditions are sat-
isfied, the method works, If the conditions are distorted, the method loses some of its value.
The stage performance parameters ¥ and ¢, as applied in stacking lead to a result which only
partly accounts for effects of compressibility. The stage-to-stage effects are pavtially in-
cluded, but the effects of compressibility on stage flow coefficient range (choking to stall)
and efficiency are not properly dealt with., Some attempts have been made to develop more ef-
fective parametexs for stage characteristics, but these have not been very successful (refs,

57 and 58).

3.3 Recent Bxtensions of Overall Map Methods
in Multistage Compressor Performance Simulation

Both map generalization and stage-stacking methods have been extaended and supplemented to
match new engine cycle requirements and to improve the compressor and turbine component simula-
tion in the process of cycle and control simulation investigations.

Methods for stage-matching and surge line bchavior for variable-geometry cases have been
briefly described by Gray (ref. 59) and outlined in some detail by Southwick (ref. 60). The
control situation for varlable-geometry cases Js discussed by Tervo and Tringali (ref, 26},

Most of the more recent engine simulation techniques include some mechanism for accounting
for dynamic effects onh compressor and tuxbine operation and behavior. These effects include
the influence of heat transfer and storage phenomena, the effects of "swept!' volumes (the mech-
anics and thermodynamics of stage volumes, including axial spaces and cavity flows), and the
effects of changes in geometry (foxr example, tip clearance) with changing engine opexrating
poeint, These topics are important but will be covered here only by reference to a range of
recent reported work (refs. 15, 17, 18, 21, 35, 56, 61 to 63), For its historical value we
should mention the 1259 forecast of problems to come by Gabriel and Wallner (ref. 64),

3.4 One-dimensional or "Mean-radius" Performance
Predlction for Tuxbines and Centrifugal Compressors

Before we turn to the subject of flow field definition by computation, it is appropriate
to consider the one-dimensional analyses that have been developed and used extensively for
axial- and radial-flow turbines and for ceantrifugal compressors, These configuration types
have not been deliberately neglected in this lecture, but the fact is that the vast majority
of the published work on performance prediction has been on problems related to the axial-
flow compressor, The results realized from one-dimensional approaches have been used with
considerable success for turbines and centrifugal compressors (keep in mind that the number
of stages involved is commonly one or two).

For axial-flow turbines, the textbook example of one-dimensional performance prediction is
the method of Ainley and Mathieson (ref, 65), with improvements and supporting information (xefs,
66 to 68). This method is easy to use and must hold a record for citation in the literature.
Similar techniques have been described for radial-inflow turbines (refs. 69 to 72) and for cen-
trifugal compressors (refs. 73 and 74)., Results can be compared with typical performance map
characteristics (for example, ref. 75 and 76).

4., OOMPUTATION OF TURBOMACHINE FLOW FIELDS

Section 2,2 intrxoduced the subject of turbomachine performance prediction by computation
of the internal flow field at individual operating points described by given values of equiva-
lent inlet mass flow xate and equivalent rotational speed. This is the classical direct prob-
lem in which the flow path and blade row geometry are known. However, solutions for the general
performance prediction problem should not be confused with similar solutions for gnly the design
flow rate and rotational speed, Design point direct solutions have been reasonably common in
the pasc. We will restrict our discuscion to the less frequent attempts to predict off-design
flow fields and to integrate these results into performance maps.

The estimation of stage characteristic:. by one-dimensional (mean radius) calculations was
briefly mentioned in cennection with overnll performance map prediction., Although these methods
have often becn misunderstood as flow field methods, they are not.
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The only realistic models of turbomachine internal flow flelds have been those which are

described as gquagi-three-dimensional or three-dimensional. Until quite recently, nearly all of

these models have assumed steady flow rclative to the individual blade rows., Additional re-
strictive assumptions have necessarily been used in order to make the computational problem
In this lecture we will not reference or discuss a vast range of analyses based on
the assumption of inviscid flow. These analyses will only be mentioned in cases where inviscid
solutions have made, or can obviously make a genuine contribution to compressor or tnrbine per-

formance prediction.

Figure 7 (ref. 77) introduces some of the ideas which are essential to the flow field com-
putation problam, This figuxe is a meridional plane section of a turbojet engine with an axial-
flow compressor and turbine. The figure cannot help but remind us of the complexity of the flow
under consideration. Figure 8 shows a simplified meridional sectlon of an axial-flow compressor
flow path with some of the conventlonal notation used in flow field methods. Computation of the
meridional plane flow field or of the flow in a hub-to-tip surface between blades of a given xow
has been an element of all quasi-three-dimensional methods. The second element is the computa-
tion ox estimation of the flow through individual blade rows on blade-to-hlade surfaces,

Realistic attacks on the turbomachine flow field computation problem axe difficult to iden-
1ify before about 1955, A paper by Cohen and White (ref. 78) has been mentioned in the litera-
ture, and it appears to include discussion of some of the important computational difficulties
encountered in flow field definition. The same is true of the 1949 paper by Mexchant (ref. 73).
Both of these papers as well as those reporting independent efforis by Serovy (refs. 80 and 81)
and Swan (refs, B2 and 83) were concerned with axial-flow compressyrs. For historical purposes
Figure 9 shows the character of the stage curves produced by Serovy and Swan. Both Serovy and
Swan used digital computers to achieve solutions and both used a steady, axisymmetric model of
the flow (a quasi-three-dimensional approach)., Meridional plane computations were made by Serovy
using a radial equilibrium condition with no allowance for streamline curvature or slope (see
Fig. 6). Swan included these turms., Serxovy and Swan both used experimenial data (cascades and
blade rows) to estimate the blade-to-blade plane flow deflections and cirxcumferentially-averaged
total pressure losses. Swan used a transonic stage as a test case and therefore inciuded a shock
loss computation. The important feature of both these studies was that they were based on itera-
tive solutions of the radlal equilibrium and continuity conditions with accounting for accumula-
tion ot losses through individual blade rows. The rotoxr and stage performance curves computed
were acceptable, The wadial variations of velocity and properties computed at calculation planes
between blade rows were not satisfactory. This aspect of the computational problem (the radial
distributions) has continued to be important in all subsequent work.

For axial-flow compressors flow-field computations and comparisons with test data have heen
made by numerous investigators (refs. 84 to 93). R. A. Novak will, in his lecture, describe the
results of his long-term and valuable contributions in this area, including those of the men who
have worked with him through the years., The basic formulations of the governing equations pub-
lished by Wu {xefs. 94 and 95) and the 1967 paper by Novak (vef. 96) have been the starting point
for many of the significant flow Iield methods.

For axial-flow turbines only a few flow field studies have been fully reported, Flagg (ref,
97) developed a computer-based program and his test cases included a two-stage turbine (Fig. 10).
Smith, Barnes and Frost working at the NGTE have also computed turbine and centrifugal compressox
flow flield cases with success (refs., 98 to 100). Herzog (ref. 10l) and Renaudin and Somn (ref.
102) have published flow field xesults for steam turbines,

5, FAN, COMPRESSOR AND TURBINE PERFORMANCE
PREDICTION AS AN UNRESOLVED PROBLEM

There is no part of the performance prediction problem which can now be considered as a
xesolved problem, This lecture has been histoxrical in nature and the later presentations rep-
resent the current status, Place these following lectures in the center of a technological
stage surrounded by simulation specialists working with computer models of overall .ompressor
performance; by Novak and Hearsey (ref, 103), Korn (ref. 104), Mazzawy (ref, 105), Mokelke (xef.
106) and others investigating flow field fo: Lurbomachines with distorted entra . flows; and
by Brdos et al. (ref. 107), Stuart and Hetherington (ref, 108), Anderson (ref. 109) and Briley
and McDonald (ref., 110) serjously developing three-dimensional flow field computation models,
The situation, like turbomachine flow fields, is difficult to analyze and no one can predict
the result,
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Axial Flow Compressor Performance Prediction

by
R. A. WALL

Compressor Research Department
Rolla-Royce (1971) Ltd
Darby
U.K

Summg r,

Owing to the nature of axial flow comprossors, performance prediction is
characteristically difficult to achieve by theoretical anslysis, and therefore recourse
to gross empirlicism, laced with theory, is fundamental to methods employed,

Factors debermining the performance requirements of compressors, and the physical
mecchanisms which control their ability to satisfy these requirements, are therefore
discussed to expose the nature of compressors,

Compressor design optimlsation is descrived to illustrate how effective compromise
can be achieved between dosign point performance and various off-deslgn excursions
demanded by Turbomachine performance.

Typical performance prediction methods which reflect the nature of compreassors and
quantify their perform'nce characteristics, are described with some reference to the
influence of engine enviromuental factors.

Potential developments are discussed which could influence the type of design
employed in future engines.
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4.2

1.0 DETERMINANTS OF DESIGN
1.1 Engine Performance Reguiroments Current applications of the axial flow compressor

domand a wide variety of performance capability to suit the particular environment in
which they operate. Broadly these include Industrial power applications, high performance
military airerafi, and long range thermally efficient civil air transport applications -

. Fig 1.

T

Industrial applications include the generation of electricity, marine propulsion,
gas pumping and locomotive power. Operaticnal roliability with high thermal efficiency 3
is demanded over a wide range of operaling conditions. Since industrial applications E-
) usvally involve the generation of large quantities of cnergy, the axial flow compressor ]
= ' supcrcedes tho centrifugal compressor owing to its inherent capacity to pass higher nass A
: flows. Large scale centrifugal compressors are cnormously cumbersome and difficult to

; manufacture. Large pressure ratios, up to 40:t1, can be generated in machines with

. ' oubside diameters ranging up to 10 ft. High thermal cfficiency can be obtained by
using large nos. ol stages willl corvespondingly low suage pressure ratios, since weight 133
is not a consideration in these circumstances. However, in order that such a machine -
can respond to widely ranging power demands, the use of sophisticated off - design | =
variables iz demanded in the form of wverlable geometry stators and multiple bleed | =
= systems. This implics fairly sophisticoted off - design variable scheduling which can v
respond automatically to the demands placed upon it. Much development time must be
spent optimising such a complex device with the avrd of 'stage stacking! type analysis.

Military applications demand simple lightweight, acrodynamically robust compressors i3
. which can respond to military manocuvre requirements over a wide range of operating I
‘1 conditions. Low level -~ high MN flight capability must be combined with high altitude 2
cruise requirements., Comparatively low core pressure ratios ( 15t1) can only be |
obtained due to the physical limitations of the engine carcasc at sen level. Low bypass :
ratio configurations are demanded since most of the thrust is obtained by core jet | 3
velocity for high MN flight. However, in order to maintuln a thrust boost capability | 4
by the use of relicat or afterburner devices, a small bypass ratio ( M = 0,0 ~ 1.,0) i=s D
required. This combines the facility for thrust boost at low altitude and high MN cruisc 3
at high altitude. Thus a multistage split flow fan is used in conjunction with a short :
light weight multistage core compressor. High thermal efficiency is of secondary .
importance to high performance and light weight, "R

Civil air transport applications demand high bypass ratio engines for high
propulsion efficiency with jet velocity compatible with high sabsonic My {0.85) cruise .
conditions at altitude (30,000 ft), High core compression ratios, limited by Turbinec 3
Entry Temperatures, are requircd in order to obtain high thermal cfficiency which a
minimise operating costs., Weight, thermal and propulsive efficiency are all of 4
paramount importance at the cruise condition cven at the expense of efficiency at Take
Off conditivns. Potential operating efficiency (S.F.C) is strengly determined by Ghe
bypass ratlo chosen and the fan pressure ratio consistenlt with that - sees fig 2.
However, a limit to the attainable bypass ratio is rcached depending on engine size.
Engine core components cannot be realistically scaled down indefinitely wichour
sacrifice of rerodynamic and mechanical ecfficiency. Shaft bearings, combustor fuel
nozzles and turbine blade cooling passages hecome impractical below a certain size.
Taus very large engines (> 60,000 1b thrust) are implied by the use of energy saving .
high bypass ratio engines, sce Fig 3, Howev:r this type of configuration is lirely to ‘
be advartageous from the point of view of noise reduction - low fan tip speeds and §
jet velocities fundamentally reduce noise output. Note that the trend towards high
bypass ratio for human flight is following the pattern of naturec. The bypass ratio of
the average bird having approx 1 ft dia fan and 4 inch diameter--core is approx 1000:1
with negligible fan pressure ratio, assuming the fan to impart cnergy to half the
frontal area.

& S
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Zumt

1.2 Mechanigcal Desipn Constraints Principle constraints which determine the overall
compression system configuration in a typical civil type engine, Tig 4, rclate to the

fan hub inlet and core exit positions. For a given inlet fan arca constant with a given
thrust level increased fan hub/tip ratio controls the fan inncr diameter and thercfore
disc diamecter capable of supporting the fan with a long fatigue life, Larger inner dias.
increases the spacce between blades and therefore the disc rim area to support it. PFor a
given fan tip spced the fan root, speed is therefore determined and therefore the amount
of fan root pressure ratio consistent wjth acro loading limitations. At core cxit, the ¢
physical onvironment (temperature -~ 800 K) controls the material properties and Lherclore .
maXx. stress levels and fatigue life. Thus a max. compressor rim speed is found which
determines the non dimensional work output per stage in the core compressor (1100-1200
ft./anrc) depending on the mechanical design). Additioaally, a hub/tip ratio limitation

is generally imposed ($0.95) for a given flow area, so that blade end losses do not
become a significant determinant of component efficiency. Thus it remains to £ill in

E the space between these end points in a manner coasistent with stable compressor

= operation over a wide range of conditions, high component cfficiency, minimum complexity
and weight with allowance for engine structural requirements,

.

i

Apparently, the simplest solution would be to join up these end points with straight i
lines and £il1ll them with the appropriate no of stages to do the pressure ratio and make N
allowance for structural struts to be sultably interposed. This however is not pratical H
in aerodynamic terms since compressor performance correlations dictate that falling line H
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compressors require to be lightly loaded acrodynamically at the inner wall and therefore
many more stages than necossary would be required, Alternatively, a shorter, constant
0.D compressor connacted to the fan root by means of a Swan Necked Duct would allow the
no. of stages to be drastically reduced (v 12 stages for R = 2011), Thus a cheaper,
lightor engino would result. However, if this compressor were driven by a single shaft,
a large degree of variable geometry would be rogquired, in the Form of variable geometry {
' stators and bleed systoms, to facilltate part speed operation without compromising the ‘
cruise operating efficioncy. Rear stages vestrict flow when insufflcient pressure ratio
is available to compress it. Therefore flow must be either bypaassed through bleed ports and/
) or blado angles arc adjusted to operate in low axiul velocity flow in thefront stages.
! Thoalternative to this kind of complexity is to use a two shaft compression system which
allows thefront and rear stages, otherwisc on one shaft, to operate independently of each

other.

In proctice the range of manipulation oifered by bleed systom is far greatsr than
variable geometry blade rows since the range of efficient variable geometry operation :
is limited, Fig 5 Lllluastrates the no. of variables required as a function of pressure ;!

ratio and no, of stages.

Separation into two or more core compressor sSchedules also facilitates the separation
of these respective turbines into separute modules which also have Lheir stage matching
problems, However a large disparity between L.P fan and L.P turbines can arise at very
high bypass ratios. Essentially the L.P turbine mcan diameter is related to the core
size whereas the fan is not. Geared fans must be uscd for bypass ratios much above
= 8 in order to maintain a recagonable no. of LP turbine stages with optimised loading,

gee fig 0.

2, COMPRESSOR PERFORMANCE POTENTIAL

2.1 8§ ; i Compressor overall performance depends upon the behaviour of

its constituent stages each of which have an inherent operating range determined by the

basic vector trianglc geometry associated with that stage, Flg 7. Fluid presented to -
B ] tho rotor at a preset flow angle acquires kinetic energy by change of angular momentum :
.“-f : imparted to it by the rotor. The kinetic energy is subsequently recovered through : :
E diffusion by the stators., Unlimited response to a change in outlet throttle position :
! assuming blade flow exit angles remain approximately constant would suggest a linear

) variation in work which is dependant primarily on the rotor outlet angle viz ideal

! slope in fig 7. MHowever as the throttle opening is increased at constant speed a max

flow capacity is reached when any further throttle increase merely increases losses,
Reduction in throbtle opening reduces the tlow coefficient and work output is increased
until the blade incidence hecomes too large for blade suction surface boundary layer
stability. At this poir- «he losses increase rapidly and the characteristic slope

casses Lhrough zero to .. positiw slope. When the slope becomes equal to that of a
throttle characteristic, flow instability occurs and a dramatic flow reduction can

occonr which can amount to a complete flow reversal known as Surge - Fig 7A  Alternatively
the characteristic can operatse stably with partial stall resident in the rotating cascade.
This phenomona is known as rotating stall where the stalled zones reside stably along
side uiustalled zones, rotating at approximately half the compressor rotational speed,

It is likely that thes- stalled zones tend to offload the remainder of the cascade by
virtue of the blockage tihey create, Unstalled flovw coefficients ure locally increased,
Thus a stable secondary characteristic can be operated upon by further closure of the
outlet throttle until a sufficient no, of stalled zones reduce the total fluid

momentum below that required to balance the static pressure gradient., This phenomenon
ropresents a severe handicap to multistage compressors uvperating at part speed in the
region of Ground Idle and helow. Attendant inefficiency and flow reduction can inhibit
acceleration to Take Off conditions. The front stages are driven towards stall by rear

! stage choking, sce Fig 8, Principal course of action, taken to avoid this problem is

I . by introduction of a tiecd halfway along the compressor so that the frant stages see

i an effectively larger throttle opening. Further action can be taken by skewing the
stators to reduce blade incidences, The effect of this problem can be further reduced

R if front and rear stages are designed to cope with these off design excursions. If

;B the rear stages are designed near to stall without loss of efficiency then an

3 essentially larger €lew vange s afforded by the rear stages. At the same time if the

E front stages are designed with inherently more stall range then a better design

E compromise will be achieved, see fig 9.
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‘I Low hub/tip ratio fans do not present the same stability problem in spite of the
iy inherent slope of the fan root characteristles assuciated with the conventional bypass
L3 engine - £ig 10, Root characteristics have very little negative slope and would appear
t 2 to have the propeneity for surge. However, since no barrier exlists between bypass and
£, core stroams then, automatic compensation for reduced flow coefficient is available by
. remat.ching of the split streamline, Incideuce increase ir reduced by movement of the
2 snlit streamline at inlet which although it tends to create an adverse area ratio across
"3 the fan root, dmprovea the area ratio of the flow adjacent to it. Thus the root flow
£ is stabilised by the bypass flow regime, The bypass portion of the fan is not subject to

F : the same rigours as a multistage simply by virtue of the lower level of pressure ratio,
sce fig 8.
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2.2 Overall Chapacteristics Thoe performance of a "ypical multistage compressor, .
designed for operation in a typical civil application,; must be capable of stable
efficient operation when subjocted to a wide varkety of performance deteriorating
pressures. As well as coping with its inherent off-dorign limitations, rotating

stall, surge and choke, it must be able to absorbe a range of environmental cEfccls.
Flow distortion caused by cross winds, upstrecam spoiling by various components (struts,
proceeding compreasor profile) car scriously deteriorate the surge line to the point
where it impinges on the working line if insufficlent surge margin is bullt into the
deslgn. Tip clearance effects can ecqually degrade the surge line and the total pressure
profile which enters the combustion system. Adeficit in tip total pressure at combustion
entry reduces the tip flow ontering the combustor and deberiorates the mixlng process.
Mechanlcal design to overcome this problem is difficult since il depends on the

rolative thermal stiffnesa of votor casing and dise. The problen can be particularly
acute at Take Off conditions immediately after acceleration from Ground Idle. Lighte
weight compressor casing oxpands rapidly to crecate a rotor-casing gap while the rotor
and dige suffer a much greater thermal growth inertia. The disc having a much larger
mass per unit surface area responds to temperaturc increase more slowly. Further surge
capacity is vequired to ensurce that during rapld accelcerations the transient working
line doeas not impinge on thc worst gase surge line - Fig 11, A rapid risc in combustion
pressure, due to fuel input, effectively throttles the compressor at constant speed. Not
until the turbines respond to this excess energy input can the compressor accelerate to
match the demand. Decelcration does not present this problem. For a typical 5 or 6
stage compressor somebhing approaching 40% surge margin is required to absorbe Lhe total
effects of environmental surge line deterioration and transient working lines, In
practice, the combustion fuel input is scheduled with spced s0 that the potential

surge problem iz avoided.

Twin spool compressors appear to lend themselves to a more cfficient automatic
response to this effect than do single 8pool core compression systems, The single
spocl device i8 more cumbersome in that several wvariables have to be manipulated during
acceleration probably with the ald of conmputer centrol. Mechanically, variables have a
habit of requiring heavy mechanisms to operate Lhem aguinst the bladeforces in the
compressor. Iwin spool core compression systems do not hove this complication since it
is usually the second stage or High Pruasure compressor which is nost likely to suige.
At ground idle the HP compressor is running efficiertly at aboul 80% of the Take off
speed, well clear of the surge line which the first stage or Intermediate Pressure
compressor is idling at 40% matched to its own conditions, The HP therefore protects
the IP botn of which reach 100% Take Off spced autoumatically suise free. The single
apool compressor however is plagued with inefficiency owing to the extreme degrec of
variable stator manipulation. Also the whole mass of the compressor has to be
accelerated with greater ivertia than in the twin spool device., Fig 12 illustrates
the difference in behaviour between the two.

Fan performance does not suffer such a variety of performance degrading effects

except for inlet flow distortion,

The fan is most vulnerable to this since it is in

the direct line of fire due to cross winds,

These represent the greatest hazard at

T.0., when the aircraft is stationary. However, as soon as significant forward speced

is attained the intake generally clears up when crosswind velocilics become insignificant
compared t¢ forward speed, It has been demonstrated, however, that with suitable fan 4
tip treatment (skewed slots) this effect can be significantly reduced. Tip clearance 4
does not represent a problem due to the low hub/tip ratio of the fan. Transient '
working lines do not represcent a major problem since the only condition where they apply
is on landing when the thrust reverser, located in the bypass duct is actuated.
Transiently the bypass plenum pressure approaches stagnation until the thrust reverser
iy fully open. Rapld operation of such a device usually avoides the problem,

Fan root stability is largely influcnhced by excursions to extremec values of bypass
ratio. At Flight Idle bypass ratios reaching up to 15-20 relative te desipgn values of
between 5~ 8 can introducce extreme flow curvature in the root scction which could E
influence the annulus wall boundary larger stability - Fig 13. llowever part speued
operation is automatically dealt with hy spillage over the bypass splitter. E

Having observed that fan bypass surge margin at Take off to be a potential hazard
it can be seen that the sea level static working line diverges from the altitude cruise
working line more considerably as the pressure ratio is reduced. If the compressor
is designed at crulee for maximum operating cfficieuncy then it becomes apparent that
a large design surge margin must be obtained to cover the wide range of opcration
between cruise and T.0 at S.L.S working line - sce fig 14, Design for T.0 condilions .
would merely penallise the max ovbtainable operating efficiency a. cruise. This represents
a considerable design problem which potentially could be overcome with variable gcometry
rotors - very cumbersome., Alternatively if the pressurc ratio was low cnough and the
engine size large enough it may be worthwhile using low aspect ratio hollow fan blades - )
Aspect ratio having a strong effect on surge potential., At small engine sizes the hollow : [
fan is not practical since the blade skin thickness becomes comparable with the total .
blade thickness which introduces a large weight penalty. ;

Fig 15 summarises the state of the art in terms of achievable efficiencies per
stage., Significant progress has beon made over the last decade which enable higher
pressure ratios to be achiceved at efficiencies that have becn acceptable for c¢ngine
performance. Principal improvements are associated with improved knowledge of how to
design for high Mach No. blading consistent with the higher levels of pressure ratio
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and the adoption of diffuring types of design vootor trianglo geometry suitable for '
highor pressurc ratios, Accumulation of data and knowlodge of blado diffusion

limjitations in conjunction with censcious design which accounts for secondavy Flows and )
radlial variation of loss have nlso been of benefit. Rocent tosting of more advanced
transonic dasigns at higher pressure ratiaos suggest that the standard of tochnology
over the noxt decado is likoly te improve at similar rate to that cxperdcnced over the
provicus decade. However, in order to realise this potential, compatible progress Ln ’
mochanical desipgn must cvolve so that higher mechanical blade speods, conmsistent with

higher pressure ratlos, can exist in an engine environment satisfactorily,

3,0 BLADE AERODYNAMIC PERFORMANCE

3.1 Free Stream Bladiog In order to prodict compressor performance Lt is necessary

to describe the behaviour of individual blades and to know their limitatvlons. Flg 16
illustrates Lhe principle paramoters which describe blade performance In the freo stream
sections of the blade remote from tho sccondary affects of other fluid boundarics (end
walls). Dladefwces acbing on the fluid to produce a change in angular momontum and
diffusion creave a flow deflection relablve to the blades proportional to the magnltude
and distribution of the 1lift forces exerted by the blade., The mass mean flow direction
is usually at varianco with the blade outlot angle producing o flow deviation. The
magnitude and distribution of this lift force is largely dependant on the blade geometry
in terms of blade angles, solidity and blade shape. Aevodynamic loading in terms of the
standard Licblein Diffusion Focbor, Axial Vclocity Ratio and level of Mach No tend to
act in a sccondary way by affecting the distribution of deflectbing forces-lift.

Losses arc dopendent upon the blade boundary layer existing which ia controlled by
level of Diffusion, distribution and level of My along the blade surfaces and the impact
of shocks set up within the blade passage. Contrary to flow deviation, losses are strongly
determined by flow incideuce to the blade lnlet, as woll us the lovel of MN in the passage
throat Fig 16, Depending on the level of My at inlet and the critical area ratio or choke
margin, a subsonic blade rapidly chokes with reduction of incidence and flow reduction 5
results, Ubservations of the sihatic pressure fiocld gencrabed at various conditions from
max flow coefficient to near surge reveals the propensity for choke and stall - fig 17,
At low incidence near max flow conditions vhe peak ‘velocity occurs in the regiun of the
subsonic cuscade throat with resulting high static pressure gradient downstream of tho
peak on tho suction surface. Further reduction of incidence would dincrease this gradient
to the point of B.L separation and the resulting blade passage blockage would rostrict tGhe
flow at asonic conditlions. Increasc of incidence relieves the static pressure gradient ln
the latber half of the blade and impescs it near the leading edge., 1t is likely that
leading edge stall flaw reattaches due to turbulent mixing. If the enetry MN 45 high cnough
then veduction of incidence is likoly to create suction surface shock which separates the
boundary layer - Fig 18, Cascades opeorating with entry Mach Nos. of 0-8 and above wlll
gencerally be supercritical at low incidences with a normal shock extending over the whole
of the bladec passage, It is therefore feasable 40 anticipate a luus model based on &
Diffusion parameter and paasagr MN or choke margin - fig 19,

Blade scctions normally used for multistage applications range from the British C4

which is really only suitable for operation below entry My of 0.5, As the level of MN ;

reaches 0.7 it bhecomes critical at nominal minimum loss incidence and therefore auny
gsignificant range of operation can only be obtained beleow MN 0.5. High curvature in the
forward arc, with max thickness at 30% of chord from Leading cdge dictates the level of
critical MN. Reduction of the curvature can be achieved by recourse to Double Circular
Arc type blades, which can operate, at nominal incldeuce between My = 0.7-1.2 dependins
on the degree of blade camber. Characteristically stator vanes have high camber (~§0°)
and the critical My is rcached at nominal incidence, when inlet MN = 0.9, D.C.A scections
only operate satisfactorily at MN .+ 1.2 if camber is less than 107, For My s in excess
of 1.2 recoursce to Multiple Circular Arc scctions and variants there of are uscd in the
tips of transonic fans. These are designed to minimise the Suction Surface My to reduce
the Lmpact of lecading edge bow shock when it strikes the leading bhlade suction surface,
The criticality of inlet My 1s obviously no lenger an issue,

The function of a transonic/supersonic inlet blade typical of that found in the tips

of transonic fans is to not only provide a change to angular momentum but has the more
complex task of supersonic diffusion as well as subsonic diffusion within the blade passage.

In general compressor desighs have not succeeded in doing this without strong shock losses

being present. The attempt is mode to supersonlcally diffuse up to the passage throat

downstream of which the flow should dili'vsc subsonically, but in practice the flow tends

to recxpand supcrscnically again only to achleve the appropriate subsonic downstream

conditions through a strovg normal shock, Withess the static pressure field measured by

fan tip transducers in Fig 20. A possible flow model which could describe this process

is represented in Fig 21, However Lt would appear that this kind of {low model is more

complex since attempted simulation of the blade passage acrodynamles has by no meuans

achicved generality. Loss predictions however can still be made at ideal conditions

with a crude degree of accuracy by attributing loss to normal shocks assocliated with the

mean passage cntry MN and the general level of diffusion teaking place, The level of choke

margin thal the blade passage vperates &t has been found to strongly determine the level of
passage shock loss and more gencrally the off-design performance of a transonic fan.

Fig 22 illustrates how although high cfficioncy can be achicved at the design poinc by

use of amall choke margins in supersonlc flow, some penalty in flow and part speod oeak {
cfficlency transpires., High passage Moch Nos. persist at lower speeds duc to aven ratio )
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offects and therofore high blade passage loss raeduces efficiency and max [low
achievable,

3.2 Sccondary Flow Effects The effect of szecoandary flows on compressor performance
may be as profound if not more so than the free stream oorodynamic behaviour., Typilcally

high losses arc generatced at blade end wall interfaces where thvee dimensional diffusion
tendda Lo gonerate large corner vortioes and local separations. In a compressor deslgn
increoased work at the blade ends 1e uanally injected to counter the strong losses at the
blade ends, rather than off loading the ends to relieve secondary loss generation.

Fig 23 illustrates the type of end wall secondary loss growth four stages into a highly
loaded multistage. Almost 20% of the annulus at cach ond i submerged in boundary layer.

Note thuat rolor cascade performancoe cannot be predicted by stator cascade porformance
becausc of the way Lh which cach type of blade end sees tho secondary flow, The stator
cascade oporabes in the absolute frame of refarence and consequently is affected by the
ond wall boundary directly. The rotating coscade however only responds to this secondary
flow growth transiently and sees it as a locally very high dynamic head flow due to the
low axinl veloclty, Thus rotary cascades will always have greater performance range
them stators. This factor can be used to advantage by increasing tthe rotor loading using
rcaction design to of{ load the stator. Fig 24 illustrates a typlcal atator exit
pressure profile which shows how the end wsll losses interact with the free streom losmses,
The static pressuroc field gencrated in the [ree stream part of the blade is imposed on
the low veloclty flow at the end wall which tends Lo crecate overturningof the low velocity
flow. A further cffect of secondary Loss generation in stators comes about due to the
inherent static pressurc gradient which causes tip secondary flows to drain radially
inwards. This not only thickens free stream blade surface boundary layers but also
feeds the root which is usvally more highly loaded than the tip. In rotors however the
rovorse Ls likely to be truec since low axial momentum flow acquires high whirl velocities
ab rotor exit than the freoe stream value. Therefore the secondary flows will drain
radially outwards to the tip., This featurc is responsible for a significant loss of
of ficlency in rotor tlps due to thickening of the boundary layer and particularly

penalises transonic fan tips.

Blade aspect: ratio is a strong determinant of stage performance by virtue of the
effoct Lt has on secondary loss generation - Figs 2§ and 26 show the effect on surge
margin snd efficlency respectively. It is probable that at high aspect ratio the relative
sccondar~y losses become a larger proportior of the local passage flow due to changing
Reynolds No based on the blade chord or passage width, The viscous term becomes more
predominant relative to the momentum term ( P UX/ A }+ Furthermcre the effect on
free stremmeffective area ratlo due to end wall blockage tecomes less compeasatory. In
low aspect ratio btlading having long chords and large passage widths the fluvid momentum
term is increased relatively and the resulting hlockage may be more progressively
distributod in such a way as Lo improve the free stream area ratio. The off-loaded
free strean will therefore tond to stabilise the performonce of the total blade row,

Surge Marpin cepacity is probably limited due to the area of low velocity [low
acting against the free stream static pressure gradient. Closupreof the outlet
throttle increases the disparity between fluid momentum in the secondary flow require
and the stator pressure gradient, up to the point where reverse flow takes place,
Hernce surge may cmanate from the secondary flow reglons of the blade.

3,3 Enyirvonmental Effects The axial compressor has becn shown to be vulnerable to a
varieby of cnvironmental offects which can scriously impair the perforrance at critical

operabing corditions:-

(i) Flow distortlon In the form of total pressure variation in a field of approX.
constant. static pressure, regionally adjusts the blade flow coefficients
such that compressor instability occurs prematurecly. Blades passing through
the r1egion of reduced flow respond transiently to influcnce of reduced flow
velocity, Initially each blade tends to he off loaded due to the reduced
axial velocily ratio initially. However, as the blade progresses through the low
velocitly [low, this situation rcturns to normal AVR values at veduced velocliy
levels. Flnally as the blade leaves the low veloclty zone increased inlet
velocity with resident low exit velocity increcases the diffusion load above
that experionced normally, Then, not also does a transient diffusion increase
occur bui also closer proximity to surge by virtue of the ¢ffoct of reduced
axial velocity onvector triangle behaviour. Spoilt and urspoilt regions of
the rotor sct in pasrallel to producc a reduced aversge range of stability
for the total compressor - Fig 27, Pregression of the spoilt zone through
a comwpressor tends to be gtlenuated hovwever within three or four stagee
depenting on the constitunent stage charascteristies. Reduced axiosl veloclty
will in general cause higher total pressure te be generated which will ofisct
tho totel pressure defiekt at outlet. However, in consequence to thas, it
is inevitable that total temperaturce distortion will be produced which is
likcly to influence a downstream compressor by changing regional Mach No
distribution, The zbove argumont tends (o apply Lo clrcunferential spolling
only and radial spoiling tends to act in a non-transiont manner if it is fully
circumferential, Tip or root spolling will locally gdjust cperating incidences
and flow cocfficionts which glve rise to o redistribgpition of radial work.

il

A e

o el




-

T T AT A e

47

It has been shown that only a nominally small degree »f clrcumferential
spoiling is neccssery to achieve the full effect of spoiling - Fig 28. This
18 due to the transient nature of the blades rosponse to passage through
successive lov and_ then gigh axial veloclty on exitfrom the spoilt region.
Apparently only 60° = 907spoiling is uecessary to achieve the full effect
deponding on the transit time of flow wichin the blade pressge.

(11) Reynolds No effects give rise to changes in performance et various engine
flight conditions and must be accounted for when relating rig poerformance
at I.8.A conditions te engine size components., Fig 30 expresmserx this effect
on Swge Pressure Ratio and Effilciency relative to Re. nos, bhased on inlet
axial veloclty and compressor annulus height. This elffect will obviously
vary for compressors of different stage nos. due to large internal variation
of Reynolds No, It is probably more relevant to express performnance changes
in Lerms of meon compressor Reynolds Nos, or even account fopr irdividual
blade row performance in these teirms.

4.0 DESIGN OPTIMISALIO

4.1 Multistege Design In order to maximise the potential for efficlency, without
sacrificing basilc stebility requiremonts, sech compressor stage must be optimised in
terms of loading consistent with the blading riles (solidity) applied. This is mont
convenlently expressed in terms of Lhe balanco between shaft horsepower input and work
done by the compressor blede rows expresncd non-dimensionslly as AH/U in relation
to  Va/u ; functionally rolatocd by vector triangle geometry. Fig 31 enahles these
factors to be translated intc terma of static presasure rise coefficlent and level of
Mach No depondent upon the level of pressure ratio being considered. Thercfore the
potential exiats for loss prediction based on some diffusion parameter and n sultable
shock loss maodel, Rotor and stator diffusion and My level can be optimised to achieve
a balance appropriate to the level of pressure ratio being designed for. Paramotric
study, for # range of pressure ratios, indivates that a peak efficlency point can be
obtained due to the limit of diffusion. This ie consistent with the behaviour of
exporimental diffusers which progressively approach minimum loss and then proceed to
stall rapidly as the level of diffusion is further incrcased,

This type of procedure can be studied for a range of stsge reactions to further
refine the process. Reaction defines the proportion of static pressure rise done by the
rotor in relation to that of the stage. Fig 32 shows the various vector triangle
geometries associated with different levels of reaction. 0% reaction corresponds to
a simple Pelton wheel type arrangement in which no static pressure rise is done by the
rotor., However this type of deaign would not be capable of significant pressure ratio
due to the low dynamic head seen by the rotor. Also stator My is very high. The vector
triangles are shuwn for constant. axlal veloclty but; some rearrangement to more favourably
dispose tho loading und My could bo aclhileved by cliinge of AVR, 50% reaction distributes
the diffusion rates bebween rotor and stator equally but an uppor limit to preossure ratio
achlovable will be rcuached when Ghe resulbing stator oentry Mach No exceeds 0-8,

Higher pressure ratios and simpler design can be achieved by usc of the zero

oo type of vector triangle geometry, due to higher rotor relative dynamic head
availability, There is no requirement for an inlet guide vane to direct the flow on
to the rotor at a suiltable angle and tho stator deflection requirement is further reduced.
this type of design is suitable for pressuro ratios between 1.5-2.0. If further incroase
in pressure ratlo is required the reaction must be increased up to and beyond 100%
so that suitablc levels of dynamic head are availoblo to maintain diffusion levels within
the bounds of practicallty. Also stator eatry My's can be maintained at values less
than critical consistent with the degrec of stator blade camber,

Axial loading distribution is optimised in such a way as to obtain the best
compromlse between design and part spood oporation. If the rear stages are too lightly
loaded then high stagger rotors tend to reduce thoe available choke margin at the
compresgor exit., This ls likely to create hoavy stail in tho front stages at part
spoed conditions. Alternatively high pressure ratios in the rear stages will reduce
blade rtaggers and effectively provide for greater choke margin in the rear stages.
However blade stall margin requirements will inhibit the use of excessive pressure
ratio in the rear stages. Also, charactoristic slopes will be reduced which are likely
to predispcac the compressor to reduced surge margin, Tho rear stages control surge
margin at high spoeds, but if the work level is already high then higher design speed
pressure ratio schievement with reduced surge margin may produce a noeti{ result which
is similar to that obtained using lightly loaded rear stuges.

If high reaction front stages are used in conjunction with low reaction rear
stages of a multistage compressor then a bettor part speod compromise can be achieved,
Hligh reaction in thofpront stages is more suitable For Lhe generation of high pressure
ratios which inherently relate to the front half of a multistage. Leow reaction (50%)
is more sulted to lower proasure ratios found in the reay stages. ! ., the reduction
in near stage rotor staggers associated with low roaction gives the ruar stages a
wider choke rango, This facilitatos the passage of larger exit flows at part apoed
and therefore reduces the degreoe of flow roeduction agsoclated with the front stages at
part spoed. Having optimiscd the velocity triangleos and distributed the
pressure ratio to max. advantage blade solidity is chosen to maximise the off-deusign
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potential, Cascade tost results are roferrvod to und quantifiod in terms of oie My
diagram which relate the available stall and choke margin, the boundaries of which
are dofined by the incidonce at which twice minimum loss is cobtained. Fig 33.

If tho facility for blade blockage predicticn ls not available, some allowance
in the vector triangle geometry must bo made for the accumulation of wuke blockage.
This can be done in one of two ways. Edthoer an empiridcally corellated blockage factor
can be used to olevate the level of axial velocity in the annulus or inereased work
can be injected into the geomeotry to compensato for work loat through operation at
higher than design axial velocities. Blockage fauctor design is probably more realistic,
provided an accuratc knowledge of blockage can be predicted. However work done factor
designa is likely to be safer sirnce extra work ls predesigned to cater for a wider margin
of error - Fig 4.

4.2 Ipansonic Fan Design Transonlc fans are designod to max, Diffusion Factor
limitations in conjunction with vector trlangle geomctry tuned to optimise choke
margin for max efficiency related to previous discussion of passage aorodynamics,
Blaude shape is tallored to the particular environmont with due attentien to suction
surface MN control, Owing to the widely varying nature of the blade aerodynamics.
Blade speed varies considorably over typlcally low hub/tip ratio fans (0.3 - 0.4).
At the root the tendeincy to create an impulse type of blade rclates to the very low blade
speed. This root section can therefore run into critical Mach No problems. Fig 35
illustrates the offect of uniform dncrecase in pressure mtios at a givon blade
apead. Tho natural tendency for alr deflection to reduwe as blade speed increases
fortunately aids the ablility of blades to operate with low suction surface Myts but
care in dosign is neceasary to avoid overloading in this rcespect.

Choke Margin is calculated on the basis shown in Fig 306 assuming appropriate
distribution of loss and work done due to radius chango.,

Blade solidiby can be determined by calculation of blade surface pressure
cocfficients downstream of the poini; of max. suction surface My provided accurate
knowledge of boundary layer development up Lo this polnt can bo computed. A typical
diffuser loading criterion then determines the equivalent blade surface length required
to maintain attached flow - sece fig 37.

5.0 CONCLUSIONS
5.1 Deyelopmnent Areas

(1) Performance prediction for a given set of conditions depends firstly on
the ability to simulate compressor flow fiocld requirements and secondly,
to predict how compres..or blades are likely to resperd to that envirowment,
Flow field prediction readily computes vector geometry and the effects of
curvature but usually fails to simulate bouncary layer effects, especlally
in high cuvvatvre ervironments, and the effects of blockage induced by
blade stall, Blade row porformance is still largely detormined by 'black
box! type correllations and various attempls to lnclude intra blade row comp-
utation have nol been successful because the modela used are ususlly
oversimplified. Generaliscd prediction methods are still gome distance
in the future owing to the comploxity and varicty of blade aerodynamics.

Flow and pressure ratio at a speed depend on the ability of the blades
used to gonerate 1lift and cyrrellatlonsare available to predict deflection
for a wide variety of hlade shapos.

Efficiency prediction rests on the corrolation of diffusion parametyis
related to choko margin and various simple flow models can describe
performance for related blade types,

Stability ronge prediction rolates gross mean comprossor loadings and
blade geometry to achievable surge margin, The mechanism of surge remains
ever clusivo.

(1) Off=Design performance predlictions rests not only on an understanding of
blade row performance but also on the nature of secondary flow effects.
So many non-linear lnteractions occur that have a habit of defying gencrality.
Some succoss hae been cbtained however using the simple 'Stage Stacking!
method which feeds on the test data of a given compressor until a satisfactory

mean line ovorall rosult is obtained., Unfortunsately this type of analysis
represents an amalgam of extraneous effects which can obsure the roal
blade behaviour,

The principal difficulty with off-design prediction »f compressor
porformance is related to the anticipation of blade stall and the conseguent
cffecta,

Each aerodynamic section has its own limitations which interact with
other blade sections. It is Likely that blades cen only achlieve a max level
of diffuslion bafore the incursion of loss and blockage with more extremo
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incldoncos actually reducos the reoal diffusion level, Stall is likely to
cause fFlow redisteibutiorn slong the blado &nd consequently adjust the
loadings of adjacent blade sections. Off-design perfornance predictlon
is notable for its lack of wuccess,

(iii) Data Acquisition lios at the ront of blade aerodynamic urderstanding. A
step change in the lovel of technology assocliated with data acquisition
is roquired in order to make significant inrocds into the fog of
oemplricism assoclated with compressor technology. Rocourse to lasor
anemometry appears to be hopoful, particularly in the fleld of rotating
compressor hardwuro, However the assoclaled computer pewer and manpover
requires some considerable inveatment,

Future P al wWith the advancement of fundamental aercdynamiv understanding
it should bo possible to make significarnt advances in compressor technology
which simplify the end product, It ls likely that the description of off-design
compressor performencoe will beccuwe more generalised and facllitate the design of
multi-variahle type cowpressors capable of use in variable cycle type engines
almed at low cnergy consumption and greater flexibility of aircraft use.

The description of supersoric blade passage flow and the trick of
deslgning single stage compressors with pressure ratios bhetwoen 5 and 10:1 may
well be in sight.

Finally it is worth mentioning that some benefit may be oubtainable by back-
tracking techrology to the point wher engine components do not sit at the extremes
of their respective technclogies in corder to simplify and cheapen consumer
type transportation,

NOTE: [t will be noted that Figure 29 is missing from the Figure sequence.
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FLOW FTELD AND PERFORMANCE MAP

COMPUTATION FOR AXIAL-FLOW COMPRESSORS AND TURBINES

Richard A, Novak
Technical Director, Engineering Mechanics Department
Dynatech R/D Company, 99 Erie Strcet, Cambridge, Massachusetta

The ticle glven the present Lecture {s mufficleutly broad so that it is well, bofore plunging
inte details, to define the subject matter more precisely. It sheuld be stated at the outset that we in-
tend to concentrate almost wholly on axlaymmetric meridionnl plane computing procedures such as those re-
presented by Refs., 1 and 2. Despite :he words of the title, furthermore, attention will chiefly be di-
rected at tne axinl compresror,

The emphasis on two-dimentional computing schemes, and upon the compressor rather thun on the
turbine, 1s not the result of bilas. (urrently, rapid progress is being made on the implementation of the
quagi-three-dimensfonal technique whic-s was first rather completely defined by Wu (Ref. 3). Refs., 4 and 5
ate repregentative of matrix solutions of Wu's proposals; Refs. 6 and 7 describe an attempt to recast the
Wu system Into a streamline curvature mold.

Computing techniques whose objecuive is to define the detalled flow field within a blade row,
however, do not yet lend themselves readily to performance predlction., The more complete flow field defi-
nition which can he obtained is not 8o complete that losses can be calculated; it is, [urthermore, con-
siderably more oxpedient to apply emplrically determinad loss data with a two-dimensional, axisymmetric
system.

At the present time, any axlal compresser or turbine performance prediction scheme must rely
upon the availability of cascade loss and turning data, Such data exist for the axial compressor in suf-
ficlent quantity and detull 8o that quite realistlic performanre analysis is posaible for a wide range of
machines. The fact that a similar situation does not exist with respect to axial turbines is the chief
reason that the development of axisymmetric prediction techniques for turbines has lapged. As indicated
by Serovy in the previous fecture, axial turbine performance prediction is still best dealt with by one-
dimensional approaches such as that of Afnley and Mathicsen. 1In the present Lecture we shall discuss - but
briefly - the problems associated with axisymmetric performance computation for the axial turbine. The
discussion and development of the system will be chiefly in the context of axial compressors,

The classical approach in fluid mechanics usually involves an early algebraic combination of
the continuity equation with some form of the momentum equation. Traditionally, the mixture results in a
second order differential equation, where the dependent varlable is the stream function, ¥. The resulting
governing equation looks very much like those found {n electrodynamice} 1t is sometimes amenable to the
same tachniques of solutfon,

The process 1s elegant and appealing. Unfortunately, (t does not lend itself well when the
fluld ie compressible, and there is great difficulty when the fluid passage geometry deviates greatly from
what 18 easily described by a relatively uncomplicated orthogonal voordinate gystem. The problems asso-
ciated with arbltrary peometry and compressibility can, of course, be dealt with by mechanized computing
techniques, The standard procedure ig gome form of a finite differ:nce matrix technique. When the com-
puter becomes available, however, there are other ways to proceed, and the strecamline curvature approach
1s one of them.

It 1a characterized, as dlacinguished from the classical approach, by the fact that the con-
tinuity ecquation and the momentum equations are kept separate throughout the process. They are independently
applied and separately satisfled by successive iteration, Tt 14 evident, therefore, that an important con-
gideration with the streamline curvature approach revolves arcund techniques to make the ilterative process
as efficient as pogsible.

The formal part of the presentation follows quite closely that of Smith (Ref. 1) and of Novak
(Raf, 2), What will be discusgsed differs from the material of these two references not in substance, but
rather in emphasis, VFirat, we shall devote some attention to solutlion techniques themselves, and to the
means avallable to speed up convergence. Closely related to this L8 the problem ~ one of the more difficule ~
associuted wich solutlons when the flow in the annulus approaches the maximum possible flow.

One of the wore intercsting aspects of the streamline curvature approach as applied to axial
turbomachinery {s the comparative case with which {t can be made into an effective tool for performance pre-
dictfon. Tt must, of course, be combined with some formulation of empirieal data, {.e., cascade loss and
turning data, We will discuss one particular versfon of a cascade subroutine and, finally, finish with the
presentation of a number of cases where computed and cexperimental results can be compared.

One final overall acknowledgement is Ln order. The author has, for many years, worked cloasely
with R. M., Hearsey, both on the quasi-three-dimensional system of Refs, 6 and 7, and on the axisymmetric
technique which 1s the model for much of the following discussion, The particular computing program which
generated the oexamples discussed later 1s wholly the work of Hearsey,

THE MOMENTUM EQUATTON - THE DESIGN PRORLEM

With respect to a cylindrical coordlinate sydtem rotating with a constant angular velocity, 5.
the momentum equation is written as:

2o e 2@ A W) M

-~ VYp = ~i - @
P t




1

uy
A

? ) 5.2
gl :
§4 where W is the velocity relative to the coordincte nystem, P Is the density an-! p is the static pressure,
: , Also,
[N . .| (2)

We obierve at this point that we will consiatently deal with the momentum-cquations in the
steady-state form, whether we deal with flow on a rotor or on a stator. For a truly axisymmetric system
no problem is thereby raised; this is distincly not the case if any degree of circumferential nonuniformity
existg, It 18 beyond the scope of the present effort, however, to deal with nonsteady problems.

1 dt At ds
i
i

We call the three componenta of W to be Vr' UO and v2 (aince Vr = Wr and Vz -V). wo is given

byt
we - Ve ~ wy [§)]
’ : We define, furthermore, a velocity component, Vm, a divection, m, and an :.agle, 4, such that!
: Vr L] Vmsin¢
Vz = Vmcos¢ (4)

Wo adopt the convention of signifying a differentiation following a paiticle by d/dS where S is the strcam-
wise direction, Thuas,

W

: 4 oy 3., 83 A
_ st Veawr etV e 5
Finally, by virtue of Eq. (4)t
[ ) 2
™ sind 5r + cosd 3 (6)
Using the definition abowve, the three component equations af Eq. (1) become:
2
v v v
Ll —r,.8 _x __8
it Y Te T (O]

19p 8,2 ___8&
" p 20 Vo Tm T 56 (8
: v W, 3
: 13p %4 8 2
:’ "9 e vm m Tt 20 9

where Eq. (3) has heen used to express Eq. (8) in terms of derivatives of Vo ingtead of we.

The present Lecture deals basically with flow field solution techniques whivh can be reasonably
represented by the axisymmetric equations, If the 6-derivative terms are dropped from the equaticns above,
there results:

2
: av v
: iy 0
; p dr vm am X (10
. 3rve
: 0~ vm am 11
v
1ap —z
5% " Vm a2

Eq. (11) expresses the condition that there can be no angular momentum change in the strcamline
direction ~ or ulong the meridional projection of a streamline - in an axisymmetric flow field. The con-
dition is also the one which gives rise to logical devices (i.e., infinite blade number, distributed body
forces, etc.) with which to justify the use of pseudn-axisymmetric equations within a blade passage. The
resort to such devices is not simply a whimj 1t results from a very realistic need to avold, 1f possible,
the necessity for dealing with three dimenaions.

We {ntroduce Eqs. (4) into (10) and (12) and perform the indicated differentiation. The result

i8: g

3 V_“cos¢ v v K]
e Jlap . m —m &
S 3y +V sinp - - — (13)
3 m 3
4 2
. V “sin¢ v H
2 LK) | S A cog —2 (14) :

. p 3z rm m om
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where
3.4 L
m (1%)

and L is *he radius of curvature of the meridional projection of the streamline,

Flg. 1 and Fig, 2 illustrate the terms
which have been defined in the foregeing. Fig. 2
(a meridional plane plcture nf a passage) also shows
a computiog station, and a direction along it Jlenoted
as §. This is the direction which has been labeled
by Katsanis (Ref. 8) as the quasi-orthogonal direction,

We write:
3 - 3 = 3
- At O (16)

or specifically,

Ll Ky _ T
n 3g par p 3z

where A and € are diraction cosineswhich the E—direction
makes with the r- and z- axes.

The angle v is defined by Fig. 2; it ia
clear that:

_ Figure 1
A = cosy
C = siny
The above, with Egs. (10) and (12), results in: ,
Y 2cos*{ v zcou(y + ¢) v
i gg -8 . - gin(y + p)V 2 Q7D .
P 8q r T m m m-direction

e oee X
It is evident by noting the manner in which

the angles Y and $ were defined (Fig. 2) that Eq, (17)

becom2s greatly simplified if the quasi-orthogonal is

truly orthogonal to the meridional projection of the

streamline. In this event gin(y + ¢) = 0 and cos(y + ¢)

= 1., The m-derivative of Vm disappears from the equation.

In the context of the stepa in the de~
velopment which follow, it would be happy not to be
required to evaluate 3Vg/3m, The attendant difficulty
of working with orthogonals whose location is not
known a priorl becomes untenable, however, eapecially
1f the problem deals with a multiscage compressor or
turbine where the axisymmetric solution really lnvolves
stations placed in *he paps between blades.

Figure 2

In this connection It 13 well tou point vut that the computational problem i{s not made significant-
ly worse (for & computer) if the y-engle varies with the {-distance. If the computer program is aet up such
that any q-station is defined by a series of arbltrary v-, z-coordinates along its length, so that, for
example the exact leading and trailing edges of each blade become the computing stations, the maximum flexi-
bility for the designer can be attalned. When the g-locus ig specified by coordinates in an input dota
deck, the computer will obtain its own values of v for use in Eq. (17).

We next operate on the an/3m~term. 1.e.,, the acceleration term arising from a rate of change
of meridional velocity in the meridional direction. Although we are dealing in the present Lecture with
axigymmnetric systems (i.e., a blade-free apaca), it Is expedient to recognize the possibility of a blockage.
We conslder it as a distributed blockage teo avoid a conflict with the condition of axial symmetry. The
reasons for the introduction of a blockapge-term will become evident below.

The blockage 1s denoted by J; A = (i - 1) 18 then the open area. For our axisymmetric model
with distributed blockage, the eontinuity equation 1s written as:

alepAv ) &(rpAvV)
£, z

ar rranat (18)

The choice has bYeen made to use the m-direction and the a—direction a8 independent variables.
Eqs. (6) and (16) imply that:

) 1 ]

I S, 2 R
ar cos(y + ¢) LflnY m cosé 3%] (19)
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32 " con(y ¥ &) SO aa ~ #lnd aq] (20)

Using these two operators on Eq. 18, and resorting to the definitions of Vm and r, as before, one obtains:

i av
Blyy Moy
9§ m 9m

Ve use the pressure-density relationship and the equation of state to transform the first

v 2 I—Hnrp,x
mn L om

- ““‘(I * 8 4 gec(y + 9) (21)

m

term of Hq. (21). Thus,
P.y-t,
n Y

-1 -
kY T e Xy

and finally
1

Yy -1
"o 1jy-1
tph £h lk [ " ) h

where h 15 the static enthalpy, k is a constant and vy ie the lsentropic exponent (easily distinguished
from the y- angle by its uase).

(22)

We note that

1,2

h=H -~ 3 v 23
where H is the stagnation enthalpy of the fluid, and
- 1.2 1 =2
I sH- u(rve) h + 7 Wo- 2 (wr) (24)

where I is a quantity which has been called the rothalpy and, by some, the relative stagnation enthalpy.
It is a quantity which is a constant along A streamline in a rotating aystem, as is H a constant in a
stationary system (in the absence of heat transfer)., For an axlsymmetric system the two quantities remain

constant on stream surfaces and, therefore, in the m~ direction.
From £q. (24), we have
het-3 ) -t wp? +d an? (25)
and ’
oy E! 2. 2(ar)v] sing (26)
om m am 8 3] N N
where we have used Eq, {3) and Fq. (1l1).
The logarithmic derivative of Eq. (22) is i ]
3(anprd) _ sing , L 3\ 1 3h !
L r A3m  (y - 1Dh 3m :
Using Eq. (26), and noting that (y - 1)h 18 the square of the sound velocity, a, this becomes: E %
-
oo, aine 120 Ly Ze s fiow, -] u‘ an L
Finally, combining Eq. (Z1) and Eq. (27), one obtains %
? a
v v? ) - \Z ¢
R m73mig.:ﬂ_sec2<yw>-g-g~§-g-§- E-Mezﬂ.o[%ﬂﬂgt a0
- Mm ™ } "
whetre ]
Mm = V1/a |
M% - Ve/n i
We return at this point to the momentum equatiom, Eq. (17). For computational purpuses, it is
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expedient to eliminate the swtatic pressure gradient term. The First and Second Laws of Thermodynamics
yield

1 ) -
5 dp = dh - tds (29)
where t 1g the static temperature and S 13 the entropy. We may write, therefove,
Lo 38 w207 (30)
p 3y 9 3q 9y 3
. We use Eq. (23) to obtain the first term and write
3(5/c.) v 2 W, v v 2conY w(tV, )cosy - 2
Ldp o1 Pl m ] 0 8 o B + Lur) “cosy (1)
p9g 9g ay 2 | 9q r q r r Y
' Eqe. (17), (28), and (31) are combined into the final form of the momentum equation.
2
v
1 m| s -, 2
3 |58 2 D@ + @V, (32)
where
3(8/c) arv w(rv, )cosy
oy =L e oy A B e
D(q) e h q vq mr)[r 5 + : (33)

m 1 = Mm m a

- ) =32

(34)

For generality {and because it is useful Ffor turbines), the equation was derlved in a rotating
coovdinate system. If one applies it in a blade free space - which is the only totally legitimate situatfon -
the equation {8 wost readily_used in a stationary cvordinate system. It ig put intc that form simply by
writing H for T and setting w = 0. The D(q) and E(q) coefficlents become

a(8/c ) V. v

=y Lo T Te T
D(q) Y h % P (35)

- cos(y + ¢)  sin(y + ¢) |tan(y + ¢) L.n2 99 _ 1 3A _ 2, gin :
E(q) = - + Nl e + sect(y + ¢) -3—% Y as - (L= M) —-\-—"i‘J (36)

No atrempt has been made to transform the static enthalpy term which occurs In coefficients
(33) and (35), One could write Eq. (25) as:

1,2 1.2 =
h=1- 2 Vm -3 VB + (u)r)V0

el
o !

and thereby recombine the terms in the coefficients. 1f the equatlons werc truly to be solved as classical
differential equations this would make sensc; Ffor a computer solution the form given is perfectly adequite.

il

THE MOMENTUM EQUATION - THE ANALYSIS PROBLEM E

For the anulysie problem it is asgumed that the air angle digtribution can be specified as a 3
; function of thec q- distance at each computing station. It is expedient, therefore, to write the momentum 3
' equation to suit the aituation, E

In Eq. (25), one may replace Wg by V tanB where B iy the relative aitr angle. The q- derivative
of such a formulation of Eq. (25), combined withmEq. (30), gives:

2

3(8/c ) 2,y 3V < 2
L3p . 3; -h i (1 + tan"B) noLy Z:unB a:{?g 4 fwr) cosy 37 -
p 3 3] aq 2 ag m 3G r =

Thie can be combined with Eq. (17), modified to recognize that

2 2 2 -
v ' 2 € -
Ve cosy _'n tan Bcosy . ?(mr)vmtnnﬁcoqy . (wr)ZCOSY

X r r r

' The result becomes:

N e»vm2 . - . 2
i F(q) + G(q)vm + J(q)Vm . o8
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where

I 3(E/c )]
F(3) = cosB % - b (39)

-
e(q) = coazﬂ 2(wr) tanfcony (40)

I3
e
B 2 av
Q) = couzB cand dtanB _ tan Bcosy _ coB(y 4 ¢) _ sin(y + ¢) T (41)
3y r [ v 2 m 3m
— n

The vm(av /3m) term, of course, comes divgctly from Eq. (28). The equivalent form for stationary coordi-
natea can"be obtalned by setting (I = H, w = 0). Additlorally, for the stationary coordinates system, tha

rvelative angle, B, becomes the absolute air angle a.
SOLUTION TECHNIQUES AND CONVERGFNCE

A few preliminaries are in order before any extended discussion of solution techniques for the
combined momentum, cnergy and continulty equations., The first of them, which we will deal with only briefly,
has to do with the specification of losses. As derived and written in the previous secctions, the entropy,

§, (or, alternatively, S/cy) was lefr unmodlificd in the momentum equation. The entropy can he expressed
in terms of pressure and temperature by

y =4
~(B/e ) (o ey Y
p o 1

= (42)
T,

e

where, for the moment, P and T_are pressurcs and temperatured at the current working polont and P, and Ty
express conditions at thé referénce stations (upstream of a blade row, or of an entire turbomaching). The
entropy is, of course, an entropy change from the value assipned at the reference station.

It i3 conventional practice - and it is so for the computer ptogram which models our discusslon -
to permit logses to be specified in a number of alternative ways, i.e., isentroplc efficlency, polytropic
efficlency, loss coafficlent, ctc,

In all of these forms the same pressure and temperature terms™ as those in Eq. (42) occur. Tt
1g evident that efflciencles can be divectly converted into values of entropy change, and that loss coef-
ficients can be likewise treated as soon ag an interim value of the velocity has been chigsen at any stage
of the fterative routire. In the design process, values of efficiency or of loss coefficlent are directly
specified a8 input by the deslgner; in the annlysis process, it is posslble (am we will detail below for
the case of the axial compressor) to set up tha computing process so that logses arc obtained from a
aeparate computing program subroutine which reflects an analytlc or experimental formulation of blade sec-
tion loss as a function of Mach number, Incidence angle, etc.

In order to frame, and to make more intelligible, the main body of the discussion of the present
section, we will briefly outline the steps necessary to oblain a converged solutlon for a given case. Twe
particular agpects of the solution procedure will, thercafter, he considered in greater detail.

General Description of Computing Routine

The overall discussion of the solution procedure will be glven as though we are discussing a
problem af analysis for a multistage axfal compressor.

1. In the analysis problem, the computer is told as Input the geometrical details of the com—
pressor, i.e., the locii of the Inner and outer walls of the machine, and the description
of the blading of each blade row, 1t 19 told, also, the location and orientation of ecach
computling station. 1t is instructed to obtaln a solution for a specified flow and rota-
tive speed, with a specified number of streamlines,

2. The first step in the computing process involves the inltinl placement of the streamlines.
The usual flrat assumption is to place them 8o that the annulus area Is divided in accor-
dance with the number of streoamtubes,

3. Havinpg chosen the initlal locus of cach streamline, the computer fs in a position to
establish the radius of curvature of the streamline and the ¢~ angle at cach computing
mesh polnt, l.c., at cach junction of a prescribed computlng stacion and a stream!ine.

4. EKach {terative pass ts made through the entire flowpath, starting at the first computing
station and proceeding to the last, with uo change to the streamline pattern. For {llus-
trative purposes, we assume that the voutine has proceeded to, say, the third stator dis-
charge. We will verbally carry It on to the discharge of the fourth rotor.

5. Generally, !t Is cxpedient to place computing statlons at the leadlng and tratling edpes
of each blade row, though this becomes unnccessary and costly of computing time for clesely
gpaced blade rows {n the rear of a multigtage compressor., Since we are aesuming that com~

putatlons for the current {terative pass have been completed at the stator discharpe, all

velocities, pressures, ete., are known at that station for cach streamline. The computer
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slmply prosumes constancy of angular momentum in order to move across the blade gap to get
to the next station (the leadlng edge of the fourth rvotor, In our illustratjon). Under
these clireumstances, 1t will use Eq, (32) written as for a atationary coordinute system
aa the approprinte momentum cquation, since it ean readily determine all terms except, as
yot, the Mach number terms and the atatle enthalpy.,

6. An initial estimate {8 mnde of velocltles at cach computing mesh point ot the sration.
Generally, the cstimated values are those obtnlned at the same statfon for the (n-l)th
fteratlve pass, The estinoted velorditles fmmediately make §t powsible to establish values
of the veloclty dependent terms, L.c., the static enthalpy and the Mach numbers.

7. Using the mid streamline velocity value as a sturting polnt ({,e., av an integration con-
stant) the momentum equation (8 solved in a gtep-wise fashlon, giving new values of velocelity
for the inner and outer halves of the annulus, The new velocitied moke 1t possible to

catablish values of denuity.

8. The mass flow across the annulus is computed with the continuity equution. In general,
the mass flow will not gatiafy the mass flow desired, The mid streamline velocity 1is in-
creased or decreoased as required, and the process is ropeated uncll continulty is satisfied.
Aw a Final step, continulty s applied for each streamline. 1In pencral, the astreamtubes
will not contain thetir proper percentage of fluw. The computer detcrmined, and stores, an
error function for streamllne locatlon, (1L {8 to be noted the real process 18 gomewhat
more complicoted than is {mplicd by the above cursory deseription. Detalls of the full
process, and of gome of {ts nicetlies, arc glven below.)

9. The computur now has avallable to it all velocities, angles, Mach numberd, ete. at the
leadlng edge of the fourth rotor (continuing with our example)., It, thercfore, can deter-
mine condltions relatlve to the rotor, l.e., Incidence angles, Mach numbers, c¢te. 1t also
has values from the (n=1)th iteratlve pnss of the conditions downstream of the rotor., Tt
has, In short, all that i9 needed to vbtain the rotor downstream air angle, and the rotor
downsitream cntropy. This Lt dees from a cascade subroutine, the detalls of which are dis-

cussed laterx,

10, The womentum equation {s applied, and the same process ns before is uged to establish con=~
ditlons at the rotor discharge.

11, 1n thia fashdon, the computing process continues to the last computing statlon, The pre-
viously determined streamline loeation error functions arc now simultancously applied to
redefine the entire stresmline pattern throughout the machine, and the (akl)th fterative
pass L8 begun, (Once apain, the details of the streamline shift are to be elaborated

later In this scction.)

Simultaneous Solution of the Momentum and the Continuity lquation

We w!ll devote gome gttentlon to the problems attendant to the simultaneous solution of the
momentum and the continulty equation at any one station, for any one ilterative pass, for which the stream-
line locations are created as fixed,

Tt 1s considered worthwhile to document this aspect of the solutiou routine. Tt has received

very llttle attentlon In the open literature and [t can moke a sipgnificant difference in the computing
tlme requirved for a given problem. We rely, here, principally on Ref. 9 which is an unpublished communi-
catlon from R. M. Hearsey, and on Ref, 10 which is the overall description of the computing program we are

speciflcally discussing,

Streamline curvature computing techniques are characterized by the fact that the momentum
cquation and the continulty equation are applied succossively. One chooses a velocity at some polnt in
the passage (usually at mid-passage). A step integration of the momentum equation defines velocities
across the passage consistent with the original cholce at midpassage, This interim knowledpe of velocitices
(along with the entropy) then permits the computiation of Btatic denalties, and, thervefore, of the applica~
tion of the continuity equation. In general, of course, the Initial choice of n midpassape velocity will

he incorrect,

The guestlon to which Hearsey addresses himaelf In Ref. 9 and Ref. 10 1s: After any one statfon

iteration, when the degree to which continulty has not been properly satlafied ls cstablished, is there a
logical way to maximize the possibility that the next choice of midpassage velocity will be the correct one?
The question s particularly an {mportant one when the pasgoge Mach numbors are near unlty. The answer is
to derive an explicit, nlbelt an approximate, oxpression for the rate of change, with vespect to the mid-
pagsage velocity level, of mass flow across the annulus ot any one computlng station.

The total mass flow across the passage is:
W ;dA
W e fﬂ\;m(

to the meridional

where the Integration is from the hub to the cage, and A {s the area projectrion normal
component of velocity,

velocity, Vo, For the design case, where the total temperature, T, and the tangential

VO' arce fixed, we write:
2 2\Y - !

g w0
W= v, 1= ZEJCPT dA

L
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where pp 1s the total density end the bracketed-term is the perfect gas rvatlo of static-to-total density.

A differentiation with respect to (V)44 1.e., with respect to the midpaseage meridional
velocitly, ylelds

= d

dw m 2
y = fp [l-Mm]dA
d(vm)mid lf(vm)mtd

where Mm = Vm/a and a is the local sonic velocity.

Hearsey makes the admittedly incorrect, but heuristically juscified, assumption that

dvm/d<vm)mid = vm/(vm)mid

This is equivalent to assuming that the ratio of V, to (Vy)yyd remains ronstant when (Vp)piq 1is varied.
This cannot be so, but it is a reasonable approximstion for small changes, The result is then

dfi

1
d(‘Vm)mld (vm)mld

Sov (L - Mm2)dt\ (43)

For the analysis case the relative fiow angle 18 held fixed. The correspording cxpression
for densilty 1sa:

1
Yy -1

Vm2(1 + tanZB)

p o= (o) |1 - B
R ZeTe Ty

where Ty 1s the relative total temperature, (oT)R 1g the relative total density, and vmz(l + tnnzﬁ) is wz.
the relative velocity. 1n a Fashion very similar to that described above, onc obtains

did 1

d(vm)m:ld ) (vm)mid

2
prvm(] - MR )dA (44)

where MR = W/ a,

We have been leading up to a polnt which is certainly not new, but which has recelved surprisingly
little discussion in the literature, No one questiona the relation betwcen mass flow rate and veloclty at,
for example, the throat of a one-dimenslonal nozzle, 'The flow rate has a maximum when the velocity is sounic;
the flow rate lecreases as veloclty decreases In the subsonic regime, and decreases as veloelty increases
in the supergonlc regime.

In a non-one-dimensional nozzle (i.e., ln any flow passape where two-, ot three-, dimensional
c¢ffects exiet) it must be recognized that the “sonic" point (i.e., the point at which maximum flow is
reached) 1s one at which gome streoamtubes are supevsonic while others are subsonic. At, for example, the
throat of a real turbine nozzle, the radial distribuclon of blade twist and entropy level may, via the
momentum equations, impose a significant radial veloclty gradient. Maximum flow, or "choke", at the novzzle i
throat cen well correspond to supersonic flow through some streamtubes, and subsonic through others.

i e B

The present Lecture ls dealing with axisymmcetric flows, and not dlrectly wlth situations like
that near a turbine nozzle throat, (wherc the plcture i{s further complicated by cross-channel veloclty
gradients). It remuins true, however, that almost never in a real situation will a "ehoke", or o maximum F
flow, aituation be truly one-dimensional. A recognizeable axisymmetric example of the situation we are
discussing {s that of a plug nozzle with significant sldewall eurvature in the region of the throat. The
point of maximum [low through such a nozzle accurs with some streamtubes at a subsonic level and others _ -3
at a supersonic lavel. GExpressions (43) and (44) represent attempts to deal with the problem in the con-
text of a computing aystem such as we have been discussing.

The situation we have discussced makes the computilng process to be a trlcky one, most especially
when the flow specified ls close to the maximum possible flow which can be passed at the computing statfon
in question, and the computing process is at an interim point where the streamline pattern iy still in-
correct, To indicate how it may be dealt with, Steps 6, 7, and 8 of the previously plven overall descrip-
tion of the computing process will be resctated in greater detall. We consider a solution on the subsonic
side of maximum flow, but close to maximum flow. The description would be completely symmetvic 1if a super-
sonic solutioun were asked for.

1. At the beglinning of the lterative loop at any one computlug atatlon, first estimate the
meridlonal velocicy profile. Typically, one starts by assuming some unfiform value, or
the values resulting from the (n-1)th majar lrerative pass if there was one.

. |

2., Determinc a solution of the momentum equativon consistent with (Vm)mi , the meridional
veloeity value assumad at the mid radius point. A number of {fterative loops {a implied
here, sinee the values of meridianal velocity inftially puensed at ag radil other than mid
radfus (to get the process started) a'o not, {n general, consistent,

rate of change of flowrate with (Vp)oqy (using either Eq.
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4, If JH/dV) {s nepative, this means the inftlally chosen (Vpdpig 16 on Lhe supersonic
side of tﬁemt m)mid for maximum flow. TIn this event, since we wish a subsonlce solution
for the cuse bedng discussed, It [s necessary o move as rapldly as posdible townrd the
subsonic reglon., This s accomplished by tetting AV, = =0,3(Ve)nggy 100, by serting the
next iteration cholce of (Vplpig to be 0.90 of the previous cholee.

5. If dﬁ/d(Vm)mld is positive, the AV, to be applicd to the next fteration s glven by

AV = (

m wgpeclfLed - wcnmputcd) / [Jw/d(vm)mid]

6., At all radii, take

\

vy = (vm)old *a m

nm new

for the starting cholce of the next Iteration, and repeat, starting at Scep 2. Usually,
a maximum of about twenty such minor fteratfons are required to satisfy continuity to
within some tolerance, typically 1 part in 1,000 to 1 part {n 10,000, and the meridional
veloctities at nll radil repeat to within the same tolerance. The tolerance level {s a
user input choice.

7. Addlttonal restrictions are placed upon AV . Tt Is restralned so that after incrementlng
by AV_, the midradius V_ will be neither higher than {t wag for any proflle previously de~
termined to he supcrsunTC in nature, nor lower than for any profile that was a subsonic
solutlon, and yielded less than the specified flow. Thus, the new (V ) will he re-
strafined to a range of plausible values., Further, 1f the new mldradius 6m is restrained
from being within a small amount of the 1lmits, rather than being allowed to equal the
limiting values, the plausible range will be continually refined, 1.e., narrowed. This
is parricularly useful In cases where, bucause the overall streamline pattern is not yet
accurate, the specified flow rate la greater than the maximum possible. In this casc the
AVp'y determined wlll vesult in repeated inadvertant transfers from aone branch of the con-
tinuity cquation to the other, followed by intentional switchud back to the defined branch.
After a number of Lterations through the procedure the final midradiusg Vo will be a value
very cloge to that corresponding to the maximum flow rate, which {s the closest possible
to a solution at thls point in the development of the overall solutlon., (Since the over-
all strcamline pattern, In gencral, Is not yet properly convervged to i{ts true locatlon.)

Two other pointg should be noted in repard to the continuity solution:

1. The procedure described works Just as well for sltuacions which are completely subsonic,
partly subgsonic and partly supergonic on the subsonic branch, partly subsonic and partly
supersonic on the supersonic hranch, or fully supersonic.

2, Solutlons requested which are too clese to the maximum flow can also get into trouble be-
causc of the (1 =~ Mmz)—term which occurs In the denominator of Eq. (28), Tn the axisym-
megric computer program we have been describing, the value of thts term is restricted to
the range 1.00 - 0.02. This, obviously can iIntroduce inaccuracies for computations at
very high Mach number.

Marsh, in Ref. 11, clearly presents and comments on the problem we have been discussing, lle
concludes, however, that only solutions which are wholly subsonic or wholly supersonic are possible with
the streamline curvature approcch, Hearsey and Marsh discuss the matter further in Ref, 12; Hearsey's
argument 1s substantially that presented above.

Convergence Techniques

One of the reasona why a streamline curvature computing procedure can be practically attractlive
{s that, propetly exccuted, it is capable of surprisingly rapid convergence, even for annular, bladed,
pagsapes of complex shapes. There are, however, differences [n computer routines in this regard. [t is
known, for example, that two essentlally similar programs exist which have been tested agalnst cach other
on an analysis problem {nvolving a multlstage axial compressor. Onc of che programs took more than twice

as long as the other to obtaln a converged solution, even though the two converged solutions were quite
close.

Refs. 10, 13, and 14, deal with the problem. Since Ref, 14, by Wilkinson, Jis publicly avail-
able, we will base the discussion chiefly upon it,

In the previous sections an overall description was piven of the siiccessive application of
the momentum equations and the continuity equatlon in the effort to obtain a converged solution. The re-
sult of any onc lteration produces a set of new streamline radil. T1f these new radii are introduced di-
rectly Into the solutlon for the next Iteratlon, it {s often - most often ~ the case that the process will
diverpe rather than converge., A relaxatfon factor is nceded to contrel the process. It f{s formulated In
the context of the following formula,
- = r + R(x ~-r 4
Fo " Tt R(E - E) (45)
where

r = the damped new value of streamline radius to be used In a succeeding iteration.

r = the radium which was used on the previous, or "old" iteratlon.
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EJ ’ rp = the "predicted” radius which resulted as an undamped value from the previous fterstion.
A
! i R = the rvelaxation factor,
i
i It ia principally the purpose of the remainder of the present section to indicate a logleal
i basis for establishing the relaxation factor. The method we follow is that, slmultaneously, of Hearsey
i N and Wilkinson.
f We examine a uniform axial flow in & constant
2 atea, annular, duct (Fig. 3). It is assumed that no en— E
2 tropy or enthalpy gradients exist. Radial computing
z stations are uniformly spaced Ax apart. We consider,
! first, a case involving a fixed absolute whirl velocity. f
o The momentum euqation, Eg, (32), becomes (with q = r): R
; 2 o = t == GT
7 v veow ' _i
i Lom . m 023y, (46) - o
- ' 2 arx r r r ] 5
- X m =% A x [ i
<
L where the terminology is as previously defined. Ka mE
f We assume but small deviations from mid-radius l
% conditions and approximate Eq. (46) by:
i ; de (Vm)m 7 Figure 3
| &y " “n

where ( )m indicates mid-radius conditions and Rm is the mid radius, Also:

v
e tld
T= 1wy |t ar (Ve
mm

An error E in streamline locatlon is assumed at onc station only. The radius of curvature nt
that staticn hccomes:

2
ro= - .
m E
where the negative aign arlses from the chosen convention of a calling a positive ' to apply to a counvex-
upward curve.

it ot

T

Eq. (47) becomes:

de . ZE(Vm)m

dr sz

- T

or, Integrating:

2BV )
Vm(r) = (Vm)m - ——X;5- - T (r - Rm) (48)

A—

The mass Fflux distribution across the passage is approximated by:

wm=(wwm+(mmﬁm—w$mq (49)
-

il

.

whete

d(me)

(0)m v .
- m

The specifle flow between any two radifl, rl and r2. can be expressed (using Equ. (48) and (49))
as: :

r
2 [ .
1 [2EK . 2 2
f der - (n\/m)rI1 (r2 - rl) + 3 N 3 4+ T \1r? - Rm) - (rl - Rm) (50)

¥

In order to determine the effect of the error, E, a comparison (s mnde between the streamline
predicted loecation when the error is FE and the location when § = 0, {.e., lts correct location. The pre-
dicced new locatfon, r , can be found by solving the following equation for rp:




el

T

p Ty
f oV dr = 0.5 f pV_dr
m f
rh rl\
where gubscripts h aud L refer, reapectively, to the hub and tip.

Using Eq. (50), nnd assuming that rp -y, R - Ty, » One obtaing:

m
o [ )
dx mm

where AR = T T

For £ = 0, the correct locatfon {5 glven by:

Yo R )
m m
and the old lToacation (in the gease of Eg. (45) fs:
ro=r 40

Ihe shift in streamline posttlon, from une fteration to the next as a result of the error E ia:

i)
S GRS
! ‘ hAX

Application of Eq. (45) glives, therefore, (with L rc):

2
KE [AR)
+E - R|- 20 1% . E
P [Ax} F
or
= _V,) ......
K (AR
v 4 [Ax)

The ease consldered with an fmposed vrror at one point only would produce the largest curvatures
and the maximum shift In rodius from one pass to the next, The relaxation factor, thereforve, is a minimum.
The ther extrime can he consfdered to be the case where the sane error is {mposed on ali streamlines, pro-
Tn this event, no dampsng would produce the most rapld convergence., Both Wilkinson

duc bog no curvature.
“optimum' damping which {4 the mean of the "short wave” case and that of the very

and Hearsev recommend an
“"Tony wave' case, where R < 1, Ihus,

R= - - ;1)

1o+ Ko jak !
8 laa
We niust stfdl evituate X,

| (dpvm‘

K o= [
(¢ )m . (l\'m
th
Fov o peryect pas
' .
s o0 -1
v oy !
" !
LI . 52
" e Sple T 5
0 '
whet
- total densit,
[ Cototal tempetacune
e anly cartable Cler oo o) an ig. (h0) s \'“ We diirerentiate vith respect 1o \'m to goec:
]
l aov ,
n
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i} where Mm ia the Mach numbey thEqun the meridional velocity, Eq, (51) then becomes:
%) .
38 |
i o -2 2 \\ (53
1 4 e [OR .
8 Ax .

Fl _ The analys!sn when relative flow anglé?“rqther than Vg, is fixed is very similar. Here, however,
| it 18 to be recognized that total enthalpy varies as the meridlonal veloclty varles. The applicable form of
: the momentum equatiou 1i3:

M LY

1,2 2

= dEV'“..,,.Yﬂ._.{..Y.Q_E_(rV).,.éH_
4 dr r v dr 0 dr

where H is the total enthalpy and

3

V., = wr + V_tanB
9 m

H=H + (rv ), + or{wr + V tanf)
1 871 m

1

where the { subscript refers to blade inlet condltlons and B i3 the relative flow angle.

If we treat these relatiouns precisely as above, the relaxation becomes

] peA e

R = 5 - (54)
(1 - M) 2 ”
1+ — R |48 cos“p
E 8 Ax
= ! where MR is the relative Mach number, the K-coefficlent has been evaluated by the relation
- |
i _1.
1 B — . -Y - 1
. i : Vm2(1 + tanzB)
- P .
o oV = PV | 25Jc. T (5%)
i PR

where 'l‘R is the relative total temperature and Prr iy the relative total density,

In practice, the constant of 8.0 i{s usuilly treated as an input variable which can be raised
or lowered as the situation appears to demund, The relaxation factor does, however, appear realistically
it accourt for the uspect ratio of the computing stations (1.e., AR/Ax) and for the Flow Mach number level.
The value of 8.9 for the congtant gives excellent results for axial compressors; for turbines of high
swirl levels, greater dumping is often required.

Computation of Streamline Curvature

The axisymmetric computer program which is being described gives the user an option of uslng
 spline method to establish the curvature values, or a simple finite difference method (three points).
By experiment, it has been determined that the answers obtained with the two methods are nearly identical,
and that the findte difference approach reaches convergence considerably more rapidly and reliably.

“flkinson mcre thoroughly Investlgated the problam In Ref. 14 and arrives at the same con-
clusion. Hu sayg: "A large number of methods for finding the second derivative of a curve, and hence
streaml.ae curvature, hove been annlyzed to find thelr accuracy and stability characteristics, 1Tt has
Leen shown that, in this coucext, finite difference methods arc best and the conventional spline method
the worst." No attempt will be made to reproduce Wilkinson's argument; Ref. 14, {8, however, strongly
recommended as required reading for anyone heavily involved in the streamline curvature approach.

The curvature computation (at any Station 1) comes from the standard formula.

dr
?l, - ___N,tiz_._.l_j (56)
m Y
(]
a7 J

where

Wil




AN EMPIR(CAL CASCADE LOSS ROUTINE FOR AX1AL COMPRESSORS !

We have, so far, dis.ussed the nomentum equations and aolution techniques with some generality.
They could as wel! be used for turbines as fur cowmpressora. From this point on, in this Lecture, the dis-
cugsion will be directed spacifically to the axial compressor. {

public data whlch permit realjstic assegnment of the loss and turning which will result from a compressor
cascade of premcribed geometry, and with prescribed upstrenm and downstream velocitles, or Mach numbers,

‘The conventional approach, at leasst for lower Mach number profiles, is to busc a cascade sub-
routine upon the considerabdle dnts pregented in NASA SP-36 (Ref. 15)., Since this report has become a
virtual reference text in the axlal compressor industvy, it will be unneccasary for ud to do more than to
indicate how {ts data can e computerized, and to Indicate the comparatively few arcam where its approach i
car be supplemented, or modified. ;

1
1
1]
i
| .
; ] * Unlike the situatjon which exists with regard to the turbine, there j8 a considerable body of
!
]
I

It {8 most common throughout the Iindustry that compressor blading 13 apecified (in terms of
. cambar, stagger, thickness and section type) on cylindrical sccetions ot a number of radii along the blade. ;
i Except for the latter day very high Mach number fans, the sections are generally NACA~65 Sections, some
' NGTE Parabolic-Are Sections or the Double Circular Avc. It is of interest to note that the frequent use
of thege scctions vests more with the availability of a brnad ranpge of loss and turning angle data than it
does from proven superlority to other possible sections.

Since the gtreamlinc does not, Ln peneral, lie on a cylinder, It is first necessary to trans-
) form the given cascade geometry on cylinders to that along stream surfaces. The standard method used is
{ that of Ref. 16,

W

The anpgle the blade edges muke with the radial directions when viewed from upstream parallel
to axis is designaced as the angle €y, the lean angle. The streamline slope (tand) at any point 1s glven
from the streamline radil established at any point {n the computing process., The effective metal angles
as scen from the stream surface direction arve glven by!

AU gy

cos(y + ¢)

] ; tnnBs = 08y tunGc - n£n¢tancl (59)

] { where E

- _ k
! Bl = the blade angle in the streamline direction z

= 1 &

= e = the blade angle on a cylindrical surface '

' The angles ¢, v and ¢, are as previously defined.

1

The blade section effective camber angles are determined as the difference hetween the ﬁn—values
at leading and trailing edgee. Assuming the mean of the fnlet and outlet radli to apply, the solidity,
thicknesa/chord ratlo nnd the maximum camber point foc each section are thun i{nterpolated from the given
input data.

The solidity and thickness/chord ratio are corrected for the streamline slope uslng

TR T R

a =0 [/cos(4)m

4 ¢ .

(t/c) = (t/e) could)m :
g c

where

a = the solidity
/¢ = the thilckness/chord ratfo
(#Im = the mean of (nlet and outlet streomline slope anpgles

Thus, the geometry of cach cascade sccetion along a streamline has been specified fu torms of
blade outlet angle, camber, point of maxlmum camber, solidity and thickness/chord ratio.

Tt le well to fndicate the overall wmethod. Ta the ventext of the convergence routine deseribed
varlier, a means is required to establish tne loss across a cascade, nand the turning produced by the caseadoe,
every time the convergence routine establishes an Interdm (not yet converged) set of values of alr Inlet
angle and Mach number at o station at the Jeading edpe of a blade. At this point, the computing process
must, as It were, be directed to the cascade subroutine in ovder that it be given the {nformation needed
to determine the angular momentum chanpe across the cascade aud the entropy chanpe ncross the cascade,

The cascade subroutine provides, diveetly, the means by which values of deviation angles and loss coeffi-
clent are determined,

In repard to the deviation angle, one obvious approach is to aguome the total deviation (8) to
he a sumnation of a lew speed deviation (4p), additiona) deviation arfaing when the fnlet Mach number ox-
cevds the crfcteal Mach oumber, (8,Y, addlitvtional (positlive or negative) deviation due to cascade axlbal
veloclty vatfos other than unlty (AVA)‘ additfonal deviation due to aperat fon at other than optimom fnel-
desice (A7) and, finally, any additional deviatlon Imposed as {nput (6A). Once apitin, a reliance on Ref, 15
atrongly pushes vne toward an approach of this gore.

To 2 directly analopous fnshien, loss coefficient ean be considered as a summation of low speed
winlmum loss coefrlelant ('"mln) plud an Increment due to supercritieal operation (), plus some [ncerement
atiribucantie of olt=destpgn operat fon (m““) plus an arbitrarily fwposed additional loss (e) .




For both deviation and loas at values of incidence other than that at minimum loss, some ref-
; erence positive and negative stall incidence vialues are necded. It has heen current practice since the
time when the earlier English lavestigators began to mtudy the problem, to define positive and negative
st&ll incidence values as thase at which the loss level reaches twlce the value at minimum loss. ‘This
i arbitrary, but not as much so as it sounds, Experimentally, actunl stall and sepavation occur shortly
afrer the double~loas point for most cascades,

Deviation Angle
The reference minimum-loss deviation angle can be determined from:
. L mo
S ® Bod10®e)  RKedan ¥ 5 (60)
which 18 a combination of Eqs. 269 and 271 of Ref, 15, The deviation con be made additfonally a function
of the polnt of maxtmum camber, as suggested by Carter and Hughea in Ref, 17,
| In Bq. (60):

GR is the reference minimum loss devlation ungle

(00)10 {3 the roference zero-camber minimum loss deviation anple as gfven by Flg., 161 of Ref.
15, as a function of the upatream alr angle aund the solldivy

. (Ké)t 15 the maximum-thickness correction factor as given by Fig, 172 of Ref. 15

(KG)SH is the blade section shape correction factor for minimum loss devliation angle (e.g.,
Ref. 15 suggests 1.0 for NACA-65 and 0.7 for DCA~sections)

o is the cascade solidity
b 18 the solidity exponent uas glven by Fig. L64 of Ref. L5 a9 a funcitlon of upstream alr
angle
; : m i5 rhe slope factor For the deviation expression given for NACA-A5 sectionsd as a funetion

of air angle and solidity on Fig. 162 of Ref. 13, and for DCA-~gectlons on Fig. 168,

The additional deviation attributable to the meridional veloeity ratio, GVA' can most easily
be determined by a simple formulation proposed by Horlock in Ref. 18.
Sy = 10]1 = vmz/v"11 (61)

vhere

V_/V_ = the meridional velocity ratio across the cascade section. It {s to be noted that
™ 1 the cascade outlet velocity is not known for any (n)th iteration. Values from the
(n-1)th iteration are used to evaluate 6VA' and are continuoudly updated.

In order to arrive at a flgure for the additional deviation attributable to operation of the
cageade at supercritical condftions, it is first necessary to establish the critical Mach number, i.e.,
the upstream Mach number at which local sonic velocity is reached on the cascade suction surface. Ref. 19
by Jungen and Moffatt provides a ready means for this determination, It was noted that the pressure coef-
flcient zorredgponding to the minimum pressure point on the blade suction surface vemnins essentlally un-
changed up to the point at which critical Mach number {a veached. Ref. 19 suggests, thevefore, that a
knowledge of the incomrresslble pressurc distribution on the blade will immediately provide means for
establishing the eritical Mach number. Thus,

i
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- A X - (62) s

1 2 _Ll
rzd y = b ?
[1 + 252 J 1 '

Ref, 19 sugguats a simple expreaslon for the Incompreasible ratio of wmaximum surface wveloclity to Lnlet
velocity, which is deduced from an L{napection of NACA low-speed cascade data. It is a function of solid-
ity and cascade turning. Thus,

PR,

! anx AVO
E - " 1+ L[S-‘T—] + F (63)
N t L
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!
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For a value of V /Vl for a given cascade, Eq. (62) can be solved
iteratively for g‘ﬁg critical Mach number. Fig., 4, taken from Ref. 19,
shows a comparison batween the critical Mach number computed in this
fashion and experimental data on cascade turning as a function of Mach
number taken from Ref, 20,

3
3
-

. In the Appendix of Ref. 19, it is suggested that a coc-
rection (6”) be applied to desiga turning when the Mach number exceeds
critical., 1t is based on the supposition that supercritical operation
is accompanied by a shock on the suction surface which causes separa-~

} tion, When no reattachment is presumed the separation interface is a

4 frae atreamline along which the velocity is constant, Thue the velocity

: ratlo across the cascade does not exceed the value corresponding to that
at critical Mach number. Ref., 19 esgtablishes a value of &6 based on
this assumption, The dotted lines on Fig. 4 show the resuTca for these
cascades, The correspondence is creditable. It does not, however, ap-
pear to apply at all to a rotating cascade (where critical Mach number

TURENG ANGLE, deq

18 most often exceeded), probably becmuse of boundary layer centrifu- _— Exper:it;\:lnt(;} > M, o)
: ; d R C :
‘ gation and, hence, reattachment ° ‘!mlytical Va}\ﬁa of I‘J;Ilc ‘

Fig. 5 has been reproduced from Ref. 21 by Horlock. It
shows an example of what is referred to as a "Mellor" curve, since Figure &4
this form of plotting cascade information was first proposed by George
Mellor. A number of succesaful approaches to establishing the asdditional deviation attributable to off-
! design operation (61) are based, in one fashion or other, on the Mellor curves for NACA-63 profiles. Thus,
for example, Fig., 177 of Ref, 15 ig Lieblein's formulation (for the same data) of the rate of change of
deviation with incidence at minimum loss incldence. 1t is the slope of the curves on Fig. 5 at minimum
1708 incidence. The alope at choke is evidently zero. The slope at positive stall can readily be ayn-
thesized in a fashion similar to Lieblein's formulation at minimum loss. With this information, a poly-

ERECOPTRTe

i nomial representation of the data on the Mellor curves can be syntheaized.
3 I+ 18 necessary, of course, to s
be able to eetablish the winimum loss in- HE Keyt
. cidence angle, and also the Incidence range E-
3 to the arbitrarily defined (i.e., double EE
. : losg) choke and atall incidence angles, HH
:: Ref, 15 (Eqs. 261 and 262) gives the low a2
speed minimum loas incidence angle as: Stall Uimits
5 Fod
1o=1 (K) (K) +ne (64) s ine uf
! R Ojp 17t sh ’é - gonstant
g " i 4 Btagger
H ere ® Z_
;2 v 1‘ 3 ldn%;§;
= 1 1a the reference (i.e., :!gg&§ e / cons
R low-apeed) minimum-loss Eoigd “lb:: Pt H Nckwn incidence
incidence angle %:“;JI{{Y S o e I _
00 i O D0 B 2 0 ) Inlet angle oy .
3 . io is the zero-camber reference o4 wo® W !
10 minimum-loss incidence angle, a}
(Ref. 15, Fig. 137) Figure 5
i
(Ki)t is the blade thickness correction factor 24, !
for zero-camber reference minimum-loss ;
incidence angle, (see Ref. 15) £
20 3
(Ki) f is the blade section shape correction AW t |
5%factor for zero-cawber reference mini- 8, deg 3
mum-loss incldence angle, (sce Ref. L5) e [ 30+ - 5
n is the slove factor (Ref. 15, Fig, 138) . I lﬂ“fﬂ
J] -
and ; T
. | Y i — )
] is the blade section camber angle. g of N —
gi\l [~
Fig. 6 has been rveproduced from Ref. 22, It i i ] ‘~\\\
shows the incldence operating range from minimum lose co . = P
choke and from minimum loss to stall as a function of cas- g 140 Yoo
cade geometry for, once again, the name NACA-65 cascade R |
data. To make it applicable to a cowputer, the data re- 0
presented by Fig. 6 must be analytically formulated; the
precise fashion in which this 1s done is not important. I
4 45 =
Loass Coefficlent . e —ﬂ—*JGO
The low speed minimum pressurce loas coefficlent ~°° * " . E
once ugain, can be determined exactly as suggested (n Ref. .__+ :
15, The diffusion parameter at minlmum losa incidence is a2
a . Q 4 12 [ 20 4
determined from Clrnter, €y 3 28
Flgure 6
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whera the velocities in Eq. /61) are relative to the cascade and 0 is the cascade solidity.

Fig. 203b of Ref. 15 yields (as a function of D) a total pressure loss coefficient parameter, ,
P; the low-speed minimum total pressure loss ia obtained from:

- [
8ol 2P a/cons2 (66)

where, at this polnt, B

2 is the low speed air leaving angle (at minimum loss incidence) relative to the ; ' ,f
cascade,

When the Mach number exceeds the critical Mach number (which is determined as described above), E-
an fncrement of logs 1a added, The computation for the additional loss can be established essentially as K :
t described by Miller, Lewis and Hartmann in Ref. 24,

. When the Mach number is above unity it is asgumed that a normal shock extends across the pas-

, gage. The impingement point of the shock on the suction surface 1s determined by the peometry of the

: cascade. It is assumed that the Mach number at the shock is taken to be that resulting from a Prandtl-
Meyer expansion through the angle subtended by the suction surface upstream of the point of shock impinge-
ment. The shock loss is then calculated as 1t would exist for a Mach number which is the average of the
inlet Mach number and that existing at the end of the Prandtl-Meyer expansion,

2
it

| When the incident Mach number i3 above eritical but less than unity, the same kind of computa-
tion as that described above 1s performed for au Incident Mach number of uniiy. The loss coefficient, Wy
can then be obtained by assuming a Jinear variation of loss coefficlent with Mach number from a value of
zero at the critical Mach number to the calculated value ak a relative Mach number of unity.

The loss increment, w,, 1s based, once again, on NACA single-stage rotor teat data which in-
dicate a wmarkedly higher loss coefficlent for rotor tip sections, relative to levels which would be ex- i
pected of the mame sections at different radii. TFig. 203A, of Ref. 15 shows the effect. To allow for
the dnclusion of the empirically ubserved increment, the loss coefficient wy can be added. 1Tt is specified
to be some multiple of w, 4, at the tip and to be zero at the midspan point, with a cubic variation between,
R For the exawples given later, the additional tip loss has been taken to be equal to the minimum losa, but
: only foxr the early stages of the multistage examples.

i ¥ig. 7 shows, schematically, the change in the L
loss coefficient vs incidence angle as a function of the
operating Mach number. The minimum loss at higher operating
; ! Mach numbera ils increaged, and the minimum loss incldence is
increased, The range from choke to stall is decreased,

An inspection of the cascade data and single
gtage data contained in kef. 15 and in Refs. ?5 to 36 shows
that a comparatively simple empirical variation of minlmum
lngs incidence with Mach number can be deduced, 1t is of
the form:

Loss Coefficient

Ho R e (67)

Incidence

s o

whcre

ikt

i,, ia the minimum loss incidence at actual Mach Figure 7 1
number

tR is the low speed minimum loss incidence ;

B8 is the section camber : E

Finally, in ovder to determine the loss incurred by operating at incidence other than design,
- it 18 necessary to know the working range from minimum loss !> stall, and that from minlmum loss to choke,
i The percentage range decrease with Mach number can also be deduced from Refs. 15 and 25 thru 36. The
; magnitude of the range decivase 18, for a low-speed section like the NACA-65:

M, .8 1.0 1.25
% WR 712 .6 .5 !

The range decrease is the same for pooitive and negative incidence.

For DCA sections, the range perventage decrease 1s very nearly the same as that for a low speed
section for negative incidence; tor positive incldence, however, it 1s:

Ml .8 1.0 1.25 :

% WR .812 .8 75 E

A good approximation to the actual test data covld be obtained by using a polynomial Fit of the numbers
tahulated above.




e ETE AR Amar amagaeaierac ) emen R =

One furtker point is to be noted. The loss horeshoes expressed as above are usually glven by !
a polynomial curve. At incldence angles well away from design, the computed loss coefficlent would be-
come excessive. It is neceseary, therefora, to limit it to some maximum value, both on the positive and
negative sides of the minimum loss incidence. 1In the examples to follow, for example, the maximum was
set to be 0.35,

BLOCKAGE !

The ability to compute the flow through a multistage compressor depends heavily upon a weans
o edtablish the varying blockage through the annulus, Most of the published material dealing with end
. wall boundary layers in multistage axial compressors (e.g,, Mellor, Horlock, L.H. Smith, Jr., Hirech, !
etc,) 1ls engaped in an importanc attempt to establish a model for the extremely complicated end wall flow.
The firet attempt to deal with the quesation on an overall basis was made by Jansen in 1967 (Ref. 37}). He !
was quickly follcwed by Stratford. These attempts had a considerably more heuristic objective than much :
of the more recencly published materlal., Jangen's concern, for example, was to establish a simple model
with which to compute the overall blockage build-up in a multistage compressor. The concern was not with
the detalls of the endwall flow, but with the overall computation of the performance cf multistage com-
preasors of arbitrary geometry,

Jansen simply postulated that the endwall boundaxy layer could be treated as a simple two-
dimensional turbulent boundary layer, with the additional assumption that the meridional velocity compo~
nent characterized the flow,

The annulug blockage due to th: isplacement thickness, 6%, is computed by the rollowing steps:

1

1. For a given meridionrl velocity distribution along the annulus wall, compute the momentum
loss thickness, b, from the equation:

l;fm{vm(m)}" dﬂo.a

(68) Lo,
v, m}?? "

6(m) = e, + 0.006

where 90 is the inlet momentum thickness.

! 2. The shape factor at each siLation 18 then computed from:
de
H = 1.5+ 30 dnJ (69)

and the displacement thickness is given by:
§% w (0)(H) (70)
Jansen attributes Eq. (69) to Jules Dussord, :

The procedure in applying the computation for displacement thickness (which is converted into
a blockage at each station) s straightforward. At the conclusion of each major iteration as previously
described the computer has available to it an array of values of meridional velocity along the Llnner and :
outer endwalls, Eqs. (68) and (70) are applied with an imposed value of inlet mowentum thickness. The
computed values of displacement thickness ara converted into a blockage at each station. The next major
iteration is then begun.

.
:l% Th dure i 1mpl its Justification 2
| e procedure is a simple one; ue catiol
H lies In the fact that it appears to work. We glve some examples 24 — ::emz:dl
: j below taken from Ref. 37; more follow in the next section, 20 perimen X
i .
? % Jansen had available to him when Ref. 37 was pre- 19 A
oo pared both performance data and a geometrical definition of "
i rhe Rolls-Royce Spey and Avon compressors, snd he was given 5 )
permission to use the information. Figs. 8 and 9 show pres- K ' 7006”’” i
sure ratio and efficlency versus flow as calculated and as - V5
tested, Fig. 10 shows the computed blockage at two flows at s 5 \
7008 R.P.M. The blockage reaches a value of 4.0% near stall. 2 )
& X €007rpm
\ Figs., 11 to 13 show slmllar compariscnas for the Ty
’ 12-stage Spey compressor, Of particular interest is the value ey
attained by the computed Llockage., At 50.25 1lba/sec (at 10,674 12 4304' " ,
RPM) the computed blockage is over 20%; at actual sutge the i1 4
value would be about 18%. N .
1061626 30 40 50 60 70 80 90 10010 120 ,
Tr iR to be recognized that an identical computing
routine was used for both compreasors. The only difference was Weight Fiow, lbm per sec

the input compressor geometry.
Figure 8

Avon :compressor: comparlson of calculated
and oxperimental compressor performance.
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Avon compressor: comparison of calculated
and experimental temperature efficiency.
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Avon compressor:
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temperature efficiency.
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ADDITIONAL EXAMPLES

The problem of securing convinclng examples for an overell discusaion of axlal compressor com-
puting procedures has always been a difficult one, Most data on multistage machines are proprietary. When
it 18 possible to obtain overall or iunterstage data in the open literature, they are never accompanied with
the neccssary geometrical definition of the machine. There 1ls, in fact, little but the NASA data of any
value for a presentation such aa this.

We will disucss three specific machines:

1. The NACA 5~8tage Trangonic Compressor. Its design and experimental performance are given
in Refs, 38 and 39,

2. The NAGA 8-~3tage Compressor. Its design and experimental performance are given in Refs,
40 and 41.

3. The GE/NASA High Mach Number 2D-Rotor. Ita design and experimental performance ara given
in Refa. 42 and 43.

The three cases below were computed with a program basically similar to that of Ref. 37. It had, however,
a totally different cascade subroucine (albeit based on the same data); most pavticularly the program is
about twice as efficlent in terms of computer time.

The NACA 5-Stage Transonic Compressor

Fig. 14 shows the overall perforn.mce (computed va. experimental) which obtained with the NACA
5-Stage Trangonic Compressor. The very fore: .ortened experimental curves resulted from the fact that this
compressor was run as an engine; variations in flow, or pressure ratio, at any one speed could only be
realized by engine exhaust nozzle area variation.
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@ 80 Pexcent Design Speed
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.
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2 40 >
ig L

1
10 15 20 25 30 35 40 45 50 55 60 65 10 1%
Equivalent Flow (lbs/sec)
o Experimental Performance (Ref. 38, 39)
O Computed Performance
Figure 14
Overall Performance of NACA 5 Ltage Compressor

The NACA 8-Stape Compressor

Figs. 15 and 16 show, respectively, the experimental ve. calculated compariscon for flow va.
pressure ratio and flow vs., efficiency. The cowparison im obviously an impressive one. It is to be
gtressed that the basic computer program - including every subroutine - is unchanged from that of the pre-
vious example, Only the input data - compresaor geometry, flow and speed - are different between tha two
examples,

Fig. 17 shows the computed values of the blockage fraction for three points at 90% spead for
the NACA B-Stuge machine. Theae are values which arise from a momentum integral solution basically iden-
tical to that described in the prnvinus section,
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GE/NASA High Mach Number 2D-Rotor 10 ) S —

AT [

The two cases presented
above show in a comparatively convineing
; faghion that the computer program s 9
i capable of giving creditabla predictions
2 of multistage machines. It has, in fact,
. been used on a large number of other mul- ;
tistage compressors of an industrial type 8 s :
with equally good results.

It 18 well, however, to be
candid on this point. There are very 7
few industrial axial compressors for
: which the test data can be trusted as
, . baing reliable., It is difficult to be
3 : certain whether the computing system
: ! ig raliable or whether chance did not
2 play a part in the excellent experi-
mental ve. computed corregpondences
which hag been realized.

100
It was decided, therefore,

] . to test the system agalnst a modern, 4 o 90
= : high Mach number compressor for which ///

Totzl Pressure Ratio

X . reliable data appeared available, for
- . which the geometry was well defined, J 80 i;cr,cnt
and for which a considerable amount 3 e 2esIEn.
of radial traverse information was 70! Spedd

4 given in the report describlng the

test program. A 60
2 |— pra

C =
) The GE/NASA 2D-Rotor satis- L//’/ \\SO :

fied the requirements of a check in many ~
waye NN
0 10 20 30 40 50 60 70

:

1. It was a test of a single
rotor, so that one could Equivalent Flow (lbs/scc)
presume that the chances
were maximized for re-

liuble vadial traverse = Lxperimental Performance (Ref. 40, 41)
data.
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QO Computed Performance
2. It - as contrasted with
the other stages of this Figure 15
GE/NASA Contractor scries -
uged a rotor with DCA- Overall Performance of NACA 8-Stage Compressor
sections, for which the
computer prrgram was designed,
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3. The 100% speed design .14 = s
Mach nuwber of the rotor
wag about 1.5; the 110%
speed run carried the

Mach number to 1,7, In- .t

asmuch as the cascade Arbijrary Maxinjum i "'i'/'_'=
option of the computer .12

program was based primar-
11y on NASA SP-36 data
which did not extend much
beyond a Mach number of
1.15 - 1.2, it would be
of great interest to as-
certain whather the ana-
lytic formulation - and
its implied extrapolation
built into the cascade
subroutine - of the SP-36
data remained valid in
the higher Mach number
range.

Totil Pregsure Ratio
8,27

7.38
6.47

—

o
|

|

[~
o

)74
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i
L
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4., Finally, the report on
the srage contained
georetrical data which
were well-defined and
interpretable.

1=~
o

It 18 to be noted
that exactly the same com-
puting routine, and the same P
options (i.e., additional tip
loss, non~use of the super-
critical deviation angle cor-
recticn, as diascussed above, /
etc.) were employed as were ///‘\1 /

s

employed with the NACA 5-Stage 02

and 8-Stage machlues. ﬁ/’
Fig. 18 shows the /’/f”
overall computed points = irom
50% to 110% design speed - =
superimposed on the test curve 0
given in Ref. 43. Tt 1= .
evident that the computing 1 3 5 7 9 1 13 13 17 19
program is able to recognize
what it is being asked to do.

(-]
>

Blockage (Fraction of Local Annulus Area)

/

@
N\

R7

RS

IR 010 o
gpla nlg flendn e

n8
s8

1 22
Station Number

Flgure 17
Ore of the com=-
puting staticons chogsen at the
rotor discharge was the plane
at which was located the radial
traverse probes (computed data could, therefore, give a divect comparison with the quantities measured,
i.e., total pressure, total temperature and absolute angle). 1t is oun the basis of thase three numbors,

along with mass flow and speed, that all other numbers werc computed by G.E. in lLts preparation of the
repork,

Computed Blockage Diastributions for NACA
8-Stage Compressor at 90 Percent Speed.

Fig. 19 ghows the comparison of computed vs. eXperimental teﬁberature ratio for one point cach
at the [ive speeds ranging from 50% to 110%., Fig. 20 shows a similar comparison for pressure ratio; Fig.
21 for abeolute rotor leaving angles.

A careful check of the data of Ref. 43 makes it evident that the computed results fall well
within the experimental spread of the many test points taken. It 1is to be noted that the scatter of the
test points at mid-span at high spced is undoubtedly duc to the presence of the part-span shroud.

AXIAL COMPRESSOR DESIGN

It is not intended, in this final section, to didcuss the deslign of axinl compressors -
except briefly in the context of what has already been stated. Some summation, however, appears to he in
nrder, and it can be expressed in the cuntext of ihe dedipgn process.

1. The chief empliasis of the Lecture has been on the analysis, or predictive, procedure.
The reason for this is simple, 1If onc can predict, with some assurance, the performance
of a machine of arbitrary geometry, on¢ has the mogt powerful destgn tool avaiinble,

2. The computer tools we have been dlscussing do, of course, have provislons for the normal
deslgn approaches, One can ask for vector diaprams consistent with a desired stage prea-
sure ratio or temperature ratlo, and answers will be forthcomlng which completely satisfy
the momentum/continulty conditions for aw axisymmetric system. The problem (s that one
does not know, a priorl, what the losges wlll be, especially sitece at an cvarly stage of

the design process the cholece of blading has not yet been made.
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Figure 18

3., The valild arswer to the dilemna, it is believed, is to use the computer program in the
analysils mode for the design process. One performs a tentative design. The implied hard-
ware 18 then entered into the analyeis process. The answers, for a properly designed com-
puter tool, give not only the performance vf the initial geometry, but also the numbers
which indicate where the tentacive design 1s defilecient. All incidence angles are printed
out, along with a series of loes Lncrements which permit a rapld assessment ¢f what can
be gained by changes - paper chanpes - to the initially prescribed hardware.

4, One proceeds, in short, as though the deslgn process were built around a computerized
experimental program, wherc blade leading and trailing edpe angles are modified, solidir,
is varied and the anunulus 18 changed until some satisfactory "optimum" is reached. The
validity of the proceas depends upon the validity ot the computerized predictive routine.

THE AXIAL TURBINE

The axial turbine, in principle, could be dealt with iIn much the same fashicn as described
for the axial compressor. In fact, however, it presents a significantly more difficult prokleun, One
reason for this - a reason which la historical rather than fundamental - liecs with the unavailability
(in the public domain, a: least) of turbsne cascade data [n a systematic form. A gecond reason arises
from the strong secondary flow field which is generated in the high turning annulay cascade of the tur-
bine blade or vane row. This factor is particularly significant In the high radius ratlo warly stages of
a multistage turbine. The endwall losses, and the crosgs channel and spanwigse migration of low momentum
filuid, can completely dominate the radial lozs distribution at the blade row exft, For a heavily loaded
early turbine stoge, the "secondary" losses can casily outwelga in magnitude the profile losses which might
he avallable from two-dimensional cascade tescing, Closely related to this s the signifiecantly greater
effect of blade end cleavance In the turbine as compared with the compressor.

Theve i4 strong evidence that cven moderately loaded conventional turbine blade rows operate
regularly with separation. Fig. 22, reproduced from Ref, 44 by Ainley and Mathlesron, is a plot of profile
loss coefficlent versus Reynolds number for some Impulse blade sections (upper group) and some reaction
sectlons (lower groupi. Superimposed on the flgure are two dotted liues representing the logs-Re slope
(on a log-loy, plot) which one would expect to ser with a taminar boundary layer (i.e., loss coefficient
proportional to (Re)1 172 *Y,or that which would pertain for a turbulent boundary layer (Y = (Re)~1/9).

It §{s evident that a number of the sections exhibit a slope greater than that to be expected
efther with a laminar or turbulent layer. This ia a clear signal that some portion of the profile (pro~
bably the suction surface near the tralling edge) is separated, and that what is beinp measured is some
degree of form drag.

Ac least two galient conclusions cun be drawn from the supggestion implicit in Flg. 12

Rotor adisdatic etficlency, L/ EY)
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Many turbine blade
It . sections operate Solid Symbols - Fxpeﬂmental
. ) with partial aepa- Open Symbols - Gomputed
ration, or at a .
condition peril-
ously close to
separation, Sec-
ondary and clear-
ance flows, theve-
3 ) fore, can readily
trigger full
separation.

[

-

110%N
P/P = 1,94

VT g

100%N

2, The separated re-
P/P = 1.80

gions along the
blade gpan provide
apanwige paths
along which the
low momentym end-
wall flow can be
trangported., A

4 clear case in

E point 1s the often

DAL § e o

IS R T

0% N =
P/P 1.65 .

noted pile~up of

» : high loss at the
{ inner radius of

. , the turbine. The
z losses do not

-

originate there;

low momentum fluid
has been transported
there,

TEMPERATURE RATIO

Even in the highly ac~
celerating tlow fleld of the nozzle,
geparation 1g a danger. The rapid
acceleration will, itself, rc-laminar-
ize the suction surface and endwall
boundary layers (regardless of the
upstream turbulence level), Under
these circumgtances, even a minimal
disturbance or decellaration at or
downatream of the throat cau cause
geparation.

TO%N
P/P - 1.3

50%N

In the compnratively
P/P = 1.13

highly loaded axial compressor,

the spanwise stream filaments main-
taln a near-fdentity, so that two-
dimensional cagcade data are largely
: applicable to the real stage; such . :
is not generally the case for the 10 11 12 13 14 15 16 17 18

Al

= turbine, especially in cthe early, E
= low radius ratfo early atages. In RADIUS -~ 1n. E
= this regard we ate forced to deal E
= with a problem more analogous to T 7T 77 S PART SPAN SHROUD "3
= the centrifugal compressor, where E
= nothing equivalent to compressor Fipure 19 E

cascade data exist or are relevant, E

In short, the basic flow field is Temperature Ratio Comparison - GE/NASA Rotor 2D E

oftaon truly three-~dimensional, and
{t 1s not readily dealt wlth by the two-dimensicnal methods which can be used for axial compressors., Oune
Is hetter advised to fall back on the one~dimensional technique of Ref. . ]

Sl

The final problem in nredicting the performance of an axial turbine is very simply - a compu-
tatlonal one. If the turbine weteof a lightly-loaded, high aspect ratio confipuration, a computing tech-
nique very similar vo that described for axlal compressors would be quite appllicable when the turbine oper-
ating back pressure 1s high enough. Ay the flow 18 lncreased at a fixed rotation speed, a point will be
reached where choke will oceur In gome blade row, provably in the flrst nazzle.

The choke occuvs In the blade row throat; In order to construct a reslistic computing routine,
therefore, throat stations within oach blade row must be included, in addition te starfons at the hlade
leading and trafling edge. At the throat statlons, angles and hlade thickness must be specifled as a
funetion of span. This, in ttself, is readily done. ‘The real problem (s that, at the throat statien, one
must have the solution corvesponding to the maximum flow as discussed carlier, Computatlonally (as has
already been streased) this 1s quite dilfiecule to vhinin., There is the addliional complexity that choke
does not occeur slmultancously acvoss the span. At full choke, sowe sectlons can gtlll be subsonice and
others supersonle,

Mooty ooty

Thi: requircement for a lower overall turbine back pressure cian only be wer by changing the
o _chaked cascade downgtream nngle and logs, but only for these sectlons to the vipght of the peak plot. This

—— o v—faeer ol cagcude datn, or g subsidiavy computation equivalent in some sense to
eSS S o ek

Al o,
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’[ a method of characterisntics solu-
- ) tion Eor the reglon downstream of
i ) the throat. In any event, the
j choked cascade downstream angles
are modifled (In the direction of
a decrease statlc pressure and 110%N
density), and the computation can P/P = 1.04 =4
be continued untll choke is reached 3
at gome downetrenm blade row, or .
until the downstream back preseure 5
is attained, 1
i =
| - Tt is believed that 100%N N 3
the complete process described P/P = 1.80 E
(sketchily) above has not yet =
been Lmplemented., The immediate [} ¢ -3
answer to the multistage axlal 2] 90%N X g
turbine off-design prediction é 0% : =
problem seems still to be some P/P = 1.686 "=
version uf Ref, 44, E &
E =
¥ 3
g ]
70%N - g
P/P = 1.3 - 3
: n
i . =
I =
¥ 50%N T
» . P/P = 1,13 =
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. Figure 20
i
' Pressure Ratio Comparison - GE/NASA Rotnr 2D E
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DESIGN OPTIMIZATION AND PERFORMANCE MAP PREDICTION
FOR CENTRIFUGAL COMPRESSORS AND RADIAL INFLOW TURBINES

By

David Japikse
Head, Fluids/Thermal Engineering Division
Creare Incorporated
Hanover, Naw Hampshire
United States

SUMMARY

The initial specification of compressor and turbine geometry and performance charac-
teristics, including operating maps, can follow different paths depending on the degree
of departure from previous design experience. Principal attention is focused on totally
new desiun problems requiring systematic design optimization to meet performance criteria
under diverse operating conditions. The fundamental flow physics involved for both the
centrifugal compressor and radial inflow turbine are briefly reviewed with principal at-
tention focused cn the strategy used for selecting optimum stage confiqurations. The per-
formance map is obtained from the final step of this desigr optimization exercise,

1. INTHRODUCTION

During the past two decades, radial turbomachinery has come to play a very strong
role in the production, distribution and conservation of energy. Radial turbomachinery
applications include process compressors for the production of LNG and various feedstocks,
alrcraft gas turbines, automotive (truck and automobile) gas turbines, dlesel (from 200
to 40,000 hp) turbochargers, refrigeration, crycgenic compression and expansion plus a
variety of new turbine expander applications for waste heat recovery. Impeller sizes
vary from the diameter of one's little finger to one's height. Efficiency levels have
improved by as much as 10 points over the past two decades in certain application areas,
Radial turbomachinery has replaced other types of equipment in many of the applications
mentioned. In spite of improvemente made in various systems, there is intense pressure
today in all of these areas to further imprcve performance levels, The intense efforts
by various designers and researchers today at least ateat to the desire for improved per=-
formance and the belief that improvements are possible.

Economi¢ leverage for improved turbomachinery performance is substantial. Typical
examples range from about $300 in yearly operation expense for a single point of improve-
ment in a 1000 ton refrigeration compressor, to $500,000 for a single point of improve-
ment in hydraulic turbines for electric power preduction, see Japlkse (1975). Ecological
demands for reduced machinery noise has placed further attention on turbomachinery as
opposed to reciprocating equipment,

Frospects for using small gas turbines, which depend heavily on high performance
radial stages, are excellent. Perhaps the best known application is the helicopter gas
turbine engine which frequently employs radial stages. Further, the automotive gas tur-
bine is structured around a centrifugal compressor. A number of small, intriguing de~
signs have evolved over the past several years ranging from 10 hp to 1,000 hp using a
single radial compressor stage and either a single radial turbine stage with direct shaft
power output or with a radial gasifier turbine stage and an axial power turbine stage.

A number of such units are now available on the market; a variety of others will soon be
avallable ranging from snowmohile engines to drone engines.

Invariably the advanced designer is involved in a search for optimum performance
elements and optimum performance systems. To be sure, there is a considerable margin for
improvement in centrifugal compressors and in radial inflow turbines. Dean (1974) has
indicated a margin of 5 to 10 points through which we can expect the centrifugal com-
presgsor to grow during the next two decades. Quite likely, there is a similar margin for
radial inflow turbines., Nonethelegs, we are still far removed from these performance
loevels in most industrial machinery today.

This paper i9 one of a series of lectures sponsored by AGARD on the matching and per~
formance prediction of gas turbine systems. In this paper, a design methcodology develop-
ed to optimize radial turbomachinery is prescnted. The emphasis hore is on the design
approach taken tn yield a high performance gas turbine system, A 25 SHP gas turbine will
Be considered as a preliminary design sample study. The basic¢ technology upon which this
design ig based is detailed in various other reports (for example: Dean (1974), Runstadler
et al. (1975), Rothe and Japikse (1975), and Japikse et al. (197%5}). Many individuals
at Creare have contributed to the evolution of the deET@n approach which is detailed here-
in.

2. AFPROACH TO SYSTEM MATCHING

The design of an outstanding piece of machinery must begin with a very specific con-
cept, hopefully ar inspired synergy of various high performance components, which makes
the new design unigue in various markelable Zasl.lons. The designs and technology base
for the various components may come from divers _. “~es; but the overall specific con-
cept must be evolved, developed and championed iy an iidividual systems engineer or a
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system group. The system speclaliat is responsible for the overall synthesis of the unique
aspects of each of the different system components. The system must meet overall perfor-
mance requirements (thrust or power level, fuel rate, inertia, etec.), cost, size, weight,
and life. The systems engineer muat trade these factors to find an optimum for the market
place,

To guide initlal engine system planning, the systems specialist must have a large
collection of general data at his disposal to desecribe the performance of each component
as a function of the major parameters which influence cost, size and life. An understand-
ing must also be reached concerning the use of current technology or whether advanced
technology should be pursued with the concomitant cost of developing advanced performance
components. Therefore, a very accurate understanding of the data base from which the
system is configured must be at hand.

: To illustrate this process, and to set the stage for the preliminary design of sev-
: eral radial turbomachinery stages in subsequent sections of this paper, we will consider
as a design example a 25 shaft horsepower (SHP) small gas turbine (SGT). No effort will
be made here to systematically optimize all parameters which influence a good system
selection (although this is needed in actual practice); rather sensible values of the
parameters will be arbitrarily selected to illustrate the key points which must be con-
sidered before an overall system is defined, With this background, we can then examine
the detailed problems which confront the aerodynamicist during radial compressor and
turbine design optimization.

Life ig probably the first consideration which a designer must face, Frequently,

one will push against the limits of component life in choosing aerodynamic parameters.

1 : For our 25 SHP example, we will assume that the compressor can operate at a tip speed of

: : approximately 1700 ft/sec. In fact low cost, long life impellers of die cast or invest~

' ment cast aluminun alloys usually are restricted to 1500 f£t/sec or below. Moderate life
components manufactured by the same approach can tolerate speeds in the range of 1600~
1700 £t/sec. Machined impellers of aluminum or titanium can tolerate speeds of 2,000-
2,200 ft/sec whereas speeds as high as 2,500 ft/sec have been at:empted for modest life
using impellers machined out of forged titanium blocks. Similar restrictions are felt on
the turbine end and here the turbine inlet temperature becomes a controlling parameter.
If the turbine inlet temperature is held at 1500°F or below, then a variety of compara-
tively inexpensive high temperature alloys are available from which uncooled rotors can
be fabricated, An introduction to high temperature design problems and life calculation
techniques has been summarized by Japikse (1976).
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! : with the compressor tip speed set at 1700 ft/sec, we find the compressor specific
work directly from the Euler turbine pump equation:

Lt

Wee = B ¢ ug/gJ {no preswirl) (1)

i : The work input ceoefficient, u, can vary between 0.7 and 0.9 depending on the amount of blade
backsweep, the number of blades and a variety of lesser parameters. Assuming that broad :
" range is required for the compressor, a backsweep angle on the order of 30° or 40° may be i 4
' desirable and a low work input coefficient would result for this preliminary design eval- '
) vation. With the specific work input set, the pressure ratio of a compressor is nearly
) defined, In fact, working from the definition of compressor efficiency, we can estimate
A the Stage pressure ratio as follows:

[T

. k/k-1
pr = (ch“c/CpToo + 1) . (2)
: For a tip speed of 1700 ft/sec, Wy, = 80.75 Btu/lbm and pr = 3.87, To carry out this cal- s
g culation, nTs,c = 0,757 was assumeg (this will be explained later). :
Following through the gas turbine configuration, the compressor discharge air enters

a combustion chamber and then proceeds through the turbine. A regenerative or recuperative
cycle might be employed which adds another loss producing element between the compreasor 2
discharge and turbine inlet. For the present example, we assume that the turbine inlet :
pressure is equal to 0,92 times the compressor discharge pressure. Furthermore, we will

! consider only a single shaft configuration where the lcad and compressor are driven to- :
o gether. Turbine inlet temperature equal to 1500°F will be taken, Thus the system re- H
straints now have specified the turbine pressure ratio and the definiticn of turbine
efficiency can be used to determine the turbine specific work as follows:

k—l/k"l)

w er) er=xpr, x=0,92 (3)

xt = MeCpToal
from which we directly compute that the turbine specific work ig 129.8 Btu/lbm. This cal- 1
culation requires an iteration to define the turbine exhaust temperature. A turbine :
efficiency of 0.825 (TS, adiabatic) was assumed (to be egplained later), In turn, the 4
tip speed can be computed to be 1767 ft/sec (via Wep = uz/gJ, for zero exit swirl), E

L

Rt

! With these conditions set, we can determine the gas turbine mass flow knowing the
5 : icquired shaft power output, We find:

P+ P _ 4 P

8 [ b = k

! poo= (l«:\')Pt 4)

P AI ADe b

[
H
\
|
i
i
i
A

+ mwxc = mXW, 1+ mf/m) (5)

{
xt’
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mo= P /XL 4+ me /M)W W) . {(6) i
Assuming that 8% of the turbine power is reguired by the bearing system, and a nominal
fuel rate, we compute that the mass flow for this proposed system must be 0.475 lbin/sec.

Finally, it is necessary to consider shaft speed. AB long as the speed is reasonabhle
(i,e. does not imply a short life or & high cost), the system engineer does not care what
the speed is. However, it is important to tne aerodynamicist., 1In a later section, we
will see the role speclfic speed plays in setting stage performance., A variety of possihle
gpeeds for this sample cnse are shown in Table 1 helow.

Table 1 Speed/Radius Alternatives
For the 25 SHP SGT

ﬁ Hage Nsst rti2 i
50,000 39.6 54.8 4.05
75,900 59.4 82.2 2.70

100,000 79.2 109.6 2,02
125,000 99.0 137.0 l1.62

These few cequations and comments serve as an introductory example of the type of iterations
which are necessary to come to an initial cycle specification. Many cycle optimization
schemes can be evaluated; some tip speeds lead to better component 1ife and higher stage
efficiency - but at the expense of size. Further, the efficiency leovels assumed above

must be consistent with the speed selected from Table 1 which in turn will be influenced

by the component diameter limit, a frequent design restraint!

To asgure a successful design project, it is necessary that the aerodynamic design-
er supply simple but accurate performance data, subject to all parameters which ars of :
significance vis-3-vis cost and life to the system specialist. Invariably, this requires
sonme representation of present state-of-the-art performance.

3. STATE~-OF~THE~ART RADIAL FLOW COMPRESSOR/TURBINE PERFORMANCE

Past experience is invariably the f°_ st level of knowledge employed in the definition
of any new gas turbine design. Data acquired from previous radial turbomachinery tests
can be examined in terms of basic non~dimensional parameters to reveal overall trends.
Isentropic specific speed (Ngg), stage pressure ratio or expansion ratio (pr or er) and
Reynolds number (Re) as well as critical geometric scale parameters (such as tip clear-
ance) can be appropriately used to record overall past experlence.

The use of these parameters is based on dimensional analysis theory which is well
known. However, these variables must be used with caution. If one has two machines
which are geometrically similar and each operate at the same specific speed, then iden-
tical aerodynamic states will be found in each machine, if Reynolds number effects
(viscous effects) are insignificant. Thus specific speed is a good parameter for scaling
geometrically similar stages: however, it does not give us a simple and clear correlating
parameter for all machines of different geometric types., Therefore, it is not surprising
that a survey of radial turbomachinery state-of-the-art performance will employ a variety
of parameters. In part, performance representation of current machines is confused by
inadequate data reporting by various sources.

The level of efficiency achievable at various pressure ratios and flow levels is
illustrated in Figure 1. Only those stages which show the highest parformance at any
given pressure ratio have been plotted. Data has been extracted from various sources.
It must be recogrnized that there is considerable room for interpretation of the data
shown. We prefer to work with adiabatic
efficiency, yet this is rarely established

in conventional tests reported in the open O e indicate mass flov rate, lom/sec

l%terature' Th4e varlaQ‘:ion in performanCe :::-:3:{ad:::£unny co:uclod‘hm'n'to 5

with mass flow is due in part to Reynolds AiebaL e dEmitione wenevaliy wot contirmes

number effects which, at a given pressure 100 et e e e T
ratio, would suggest that higher efficien~

cy would be obtained at lLigher Reynolds w0 - L -

numbers, Conventional Reynolds number ol

™ 3 13 [omo A
scaling rules indicate that only half the t I§QTL~\\a:zjfJa:T:F:f:fL:;Zz:gk;k~&&
mass flow variation (Figure 1) can be g Py fanie N ey

-
attributed to Reynolds number effects. Wogfm RTen Rt -
Probably, a scale effect is also involved. o e 147 para

At low flows, very narrow Luapeller tip o ﬁ:.“r. B
depths are lnvolved and even a minimum v T T S TR U S S T
running clearance begins to amount to a I Y4 s s 1 e+ 1 1 12
significant tip clearance penalty. Thus ) Prrs

the trends shown in Figure 1 are confused¥ Flgure 1. Stavesof-tne-are Cantrifugsl Comprassor Parfofmance =

by non-adiabatic conditions, by Reynolds

* presently, the data used to compile Figures 1~4 is being reviewed to obtain modified
performance maps with tip clearance, heat loss, and Reynolds number effects removed.
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ber effects end by tip clearanne variations,
Finally, the solid and dashed lines shown in
Flgure 1 indicate possible mass flow trends)
but a carefu) examination of the data shown
indicates that the lines could have heen con-
structed with less slope if a few data points
were given greater weight,

Unfortunately, a centrifugal compressor
can rarely be designed with high efficiency as
the only objective. Stable operating range
is usually of equal importance. It is an un-
fortunate fact that design tezchniques used
extend range often come at the expense of
fiency. As a rule, design artifices 1ntro~
duced to extend range are characterized ny
stable (l.e. negatively sloped pressure ratio
versus flow) characteristics which result from
gome loms producing flow effect (throttles,
etc.)s Figure 2 illustrates the degradation
of efficiency as greater range is achieved for
a variety of different pressure ratioc ranges.
hlso shown is the reduced range which is
achieved at very high pressure ratios. Perhaps
of greater significance, is the exception to
the range versus efficiency trade for stages
in the pressurerange of 3 to 4; here, we sce
that a variety of machines suggest that great-
er range is achleved with increased efficiency
(the truth is unclear).

Figure 3 parallels Ficure 1, but for
radial inflow turbines. As a rule, these
turbines have reaction levels between 30%
and 508, Again, a clear degradation of
efficliency with expansion ratio 1s evident.
In this case, it is clear that viscous
{Reynolds number) effects do not play a key
role. 1Instead, it appears that tip clearance
penalties are reduced at high flow levels
where large tip widths are employed.

Finally, Figure 4 shows a collection of
data plotted as turbine efficilency versus
specific speed. It must be stressed that
each point in this figure illustrates a com=-
pletely distinct geometric configuration.

If an individual configquration is tested
over a variety of presaure and flow con-
ditions, an npg vs. trend would he
achieved, but this woufd not be the same
curve shown in Figure 4. Furthermore, the
best performance curve is not sacred. This
curve will change during subsequent years

as furthar attempts are made to design high
performance stages at varilous specific speeds.
The important point, however, is that

there ig a wide range of specific speed
across which high performance stages can

be designed (from Ngg = 50 to Ngy = 80,
there is only a 2 point variation in effi-
ciency). Incidentally, a similar plot can
be established for the centrifugal compress-
or with an equivalent wide range in effi-
ciency with specific speed.

Data of the type shown in Figures 1 -
4 suffice to give an early estimate of pexr-
formance levels which might be reached in a
new gas turbine design, such as the 25 SHP
example considered herein. But it must
be recognized that correlations of the
type revealed in Figures 1 = 4 are fraught
with uncertalnties and serve to correlate
ignorance as well as knowledge,

Returning to the sample matching pro-
blem considered in the previous section, we
see that the expected efficiency {and range)
levels must be carefully chosen as a func-
tion of pressure ratio, mass flow, and
clearance effects, In the previous numerical
example, this was done using the data ot
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“rs,c = 0,8557 - 0,0257 pr (7}

W

Npg,t = 0.8875 - 0,0175 er (8)

Data shown in Figure 4 (and equivalent data for centrifugal compressors) could
used to choose a desired operating speed. However, while the n versus Ngyg data provides

' a wide correlation of what has been achleved for a variety of machines, it does not
answer two basic questionst

A e AR

1. What is the varlation of ngpg vs. Ngg for a specific application type.
(for example our 25 SHP gas turpine), and

2. What is the optinum efficiency which can be achieved, given the
particular design conditions (cost, size and life).

o bl

An oxample of computed etficiency vs, o Dlesed thve Tumochatger Cospretror

speclfic speed trends for three different ) ~——~“*—‘-————-—-~__‘___:rn

applications of centrifugal compressors is © E
shown in Figure 5. Clearly the specific I 3
speed for peak efflciency varies depending 5wk — :
on the design situation. The information K (Hoter deslgn for resuricted —_—T :
learned from the 50 SHP SGT study (Figure 5) | dtemeren i
can be used to guide the selection of shaft 12} DT U U T WY T S T N

speed for the 25 SHP case, Usinag Figure 5 40 50 «0 70 60 90 100 110 120 130 140 150

to represent the compressor, and Figure 4
to represent the turbine, we then find the

following match possibilities: f ’/’”’ﬁﬂa_——aﬁ—ﬂﬁg:fi:_‘_‘“ ,
s} .
Table 2 Speed Selection For g | — T —— -
Peak Efficiencies « Ngr 508 Becondary )
7N N N " E (13 o biffusor Recovety '
_ 88,¢C 88, t nTSIcI % Mrs,t, % j . Alr Cushionsd Vehicle Lift Fan
> <
50,000 39.6 54.8 77 89 8 2 [ W G W S TENEE U TUUAK SN B ) :
75,000 59.4 82,2 79 88 40 S0 60 70 80 90 100 110 120 130 140 1%0
100,000 79.2 109.6 80 83
1251000 99.0 137.0 79 60(?) . $0 Sy $2s11 Gas Turbine Compressor
A4
* Data from Figure'4 may not meet 00E;J“ﬂ_furﬁh4_JL1‘=‘-~‘
item 2, above. i = e
c Yyt AT::l b
. ™
[ '} _
with this information a speed of 75,000 rpm ,;;—-*‘“‘*l’*ﬁ=~___\__
is choosen which implies an overall turbine g - g?, e
diameter of approximately 9.5 inches, If b ) Ly 4 l' g1 g
this diameter is too large for the partic- %4 S0 ec To B0 50 100 110 120 136 10 130
ular 25 SHPF SGT problem, then it is neces-
sary to go to a higher speed and to pay a Isanteople Lpecific Bpeed, N o
. goncomitant efficiency penalty as shown Tigues 5. Computed Ny va. W, Trands for pitferent ;
in Table 2. Applications $howing Various Values { —s—{ for Optimum !
baslyn L)

4. PRELIMINARY DESIGN AND PERFORMANCE
OPTIMIZATION

it

Design Approach

ittty

Based on the previous matching and
performance data, preliminary performance objectives are set as follows:

i

E . Table 3 Preliminary Performance
-’% Objectives for the 25 SHP SGT Example .
;: Parameter Conpressor Turbine :
3 m ==0,475 1bm/sec--
3 N —eeu75,000 rpm——-
pr,er 3.87 3.56
r, 2.45in 2.70in
n (SOA) 713.7% 82.5%
range 20.0% -

. The above characteristics are a starting point. To effect an aerodynamically ad-
! vanced design, it is necessary to evaluate every fundamental aerodynamic characteristic
| of the proposed centrifugal compressor and radial inflow turbine. If possible, we would
i like to push beyond state-of~the-art performance levels which lead to Table 3, above.
Unfortunately, there are more than 20 distinct variable. for the compressor and turbine
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—{ each, It is impoasible to independently study the performance of each variable over the

i full range of possible combinations. Some designers regolve this dilemma, after a fashion,
by simply using gross loss coefficients to correlate general performance characteristics
on a component-by-component basis (impeller, overall diffuser, etc.). Unfortunately, sauch
2n approach does not offer much hope for systematically optimizing a stage for peak per-
ormance.

An alternative approach is to reduce each gas-dynamic performance characterlstic
of the centrifugal compressor and radial inflow turbine to its most fundamental aerody~
namic phenomena and seek out the controlling variables for each process involved, For
X preliminary design and stage optimization, this is most conveniently done on-a one-dimen-
i sional, station-by-station, basis,

In our research and design experience, we have found that the critical aerodynamic '

phenomena in either the centritugal compressor or in the radlal turbine are the diffusion

processes, not the loss generating processes per se. That is, high performance levels

can be achieved best with an intimate knowledge of the basic diffusion processes; in turn,

it is comparatively easy to establish levels of entropy production (total pressure loss).

Detalls of the technology base which is employed for the optimum design of centrifugal

compressors is detailed by Dean (1974), Runstadler et al. (1975), Rothe and Japikse (1975)

and Japikse et al. (1975). In the following scctions, we will illustrate the use of this

technology base in a design optimization study for the 25 SHP SGT,

The first step in the detailed specifi-
cation of a compressor or turbine stage in-
3 volves certain optimum choices for the vel=-

ocity triangles at the inlet and discharge
of aeach stage component. For example, for
any mass flow, speed, and hub-tip ratio,
there is an optimum inlet axial velocity to i.10
achleve minimum (compressor) inducer tip re-
lative Mach number. This effect is shown in
Flgure 6 where a tip relative Mach number of
approximately 0,7 can be obtained for our
= particular compressor design with an inlet
axial velocity of approximately 400 ft/sec.
3 : If manufacturing requirements had stipulated
A a higher hub-tip ratio, we would be forced
= - t0 accept a higher tip relative Mach number.
E P If we were to design at higher specific
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speed, we would have to accept higher tip
= relative mach numbers which means a higher
4 relative kinetic energy and a much more

‘ difficult impeller performance design task,
This effect s demonstrated by the parameter
IKE which is the inlet relative kinetic ener-
gy divided by the work input. IKE is shown
in Figure 9 plotted againsc specific speed.
At higher specific speeds, IKE becomes more
potent and achieving an efficient impeller
is increasingly difficult. The selection of
an optimum axial velocity (to minimize M

o
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Inducer Tip Relative Mach Number, nrel 1t
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o

o
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also implies the blade setting angle. rel 1t
In Figure 7 we have illustrated the vari- 9.50 = 42 T e 5180
ation in blade angle at different specific s o e 147 pola
speeds and different inlet axial velocities, [ e s
Here, we are not faced with any manufactur- N i1
ing or performance problem. ool o 4 1 o 1 4 1 L
300 350 100 450 500 550 600 E
The next station in the centrifugal com-= Axial Absolute Valocity, €, (ft/sec) E
pressor design is the impeller discharge/ Figure 6. Inducer Tip Relative Mach Number
diffuser inlet., Here Wwe must prescribe the Variations

exit swirl parameter and the blade backsweep
angle to obtaln the besat stage performance
within size restrictions (if any). We have
egtablished to our satisfaction that im- .
pellers can be designed with or without significant backsweep and still achieve excellent i
total-to-total efficiency and excellent impeller relative diffusion. The cholice of exit
swirl angle (or the tangent of the angle, X,;a) and blade backsweep angle is made to facil-
itate good diffuser design (within size res%rictlon).

[ P

The use of appreciable blade backsweep and moderately high exit swirl parameters 3
{Aps) will contribute to improved range and improved diffuser performance. There are E
geometric restrictions. Increased blade backsweep implies a larger impeller diameter.
Increased Agw imnlies very tight diffuser inlet angles and the design of a good diffuser
leading edge may become difficult or impossible, Generally, 10° of blade backsweep is
worth 1 to 2 points of stage efficiency and the usable flow range at 100% speed is fre-=
guently doubled over a simple radial discharge impeller for 30° - 40° backsweep. The
blade backsweep angle, Byp, i8 set equal to -40° for this study which corresponds roughly
to the upper limit permitted by stress considerations. Figure 5 shows, for a 50 SHP SGT
the impact of Azx on stage performance.
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We have not constrained the impeller
exit/diffuser inlet velocity triangle Lo any
fixed magnitude. Rather, we have set the exit
flow angle (which refers to mixed out con-

o ditiens) and have reduced the velocities to
the lowest possible level by using maximum
blade backsweap,

Generally, the diffuser exit velocity
triangle is not of concern for stage opti-
mization. In this particular case, the exit
flow must enter a combustion chamber either
by collecting the diffuser exit flow in a
scroll and delivering it to the combustion
can or by dumping the flow into a plenum re~
gion which feeds the combustion can. 1In
either case, good combustion desiin requires
well controlled inlet flow conditiins, spec-
ifically, the absence of any swirl, There-
fore, if the compressor discharge flows in
to a plenum region, it may be necessary to
uge a Jeswirl cascade prior to final discharge.
This final cascade can be configured to be
a diffusing element or it can be followed by
a simple annular diffuser tc pick up a little
additional recovery.

1
]
]
2
A
]
]
g
]
]

63

‘IIIITTHIITYIII_‘T

~60

Y

Inducer Tip Flow Angle, 8, (Degrees}

o
-
-
-
s

Similar considerations are in order for
the radial inflow turbine. The first com-~
ponent in the turbine system is the nozzle.
The nozzle can either be a scroll followed
by a vaneless space {(as is commonly used in
the small diesel turbocharger design) or it
can employ a nozzle cascade, 'The advantage
to the former system is its comparative
simplificty (low cost) whereas the latter
system has the possibility for higher per-
formance since Mach numbers are generally
low accept at the cascade discharge. For
the present design, we will consider the
first configuration due to its simplicity.

(® Value corresa-
ponding to
minimum Mol 1e

TTTT
i e bgreat
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200 350 400 450 500 550 600
Axial Absolute Velocity, Clx(ft/uec)

I'igure 7.  Inducer Tip 'lov Anqle Variations

There is an optimum size for this turbine inlet scroll. The velocities throughout
the scroll are essentially keyed on the impeller tip speed since the rotor inlet swirl
is set by the scroll. We prefer to desian to zero incidence thus the angular momentum in-
tc the rotor is set by the rotor tip radius and tip speed. This angular momentum is im-
parted to the flow field at the scroll inlet, There is an optimum scroll inlet radius
which represents a trade-off between the velocity levels within the scroll and the scroll
dimensions. "Thus the geometric scale of the scroll is one parameter which must be optimized
for good turbine efficiency.

The turbine rotor inlet velocity triangle is set by the required work output (tip
speed) and by the desired inlet relative Mach number. We desire to minimize the inlet re-
lative Mach number in order to keep the relative Mach numbers low throughout the entire
rotor. Here we are constrained by an inlet flow angle which we will restrict to 70°.

The turbine discharge/exhaust diffuser inlet velocity triangle is optimized basically
by choosing a hub-tip ratio which permits aood rotor design and good exhaust diffuser de=-
sign. Having selected a zero exit swirl counfiguration and the rotor inlet relative Mach
number, we have greatly restrained the impeller exit velocity Lriangle. We can manipulate
the exit relative flow angle and passage height by modifying the hub-tip ratio. As long
as the exducer tip radius is in reasonable proporticn to the rotor inlet rsadius, we will
not cignificantly impact rotor efficiency. On the other hand, a higher hub-tip ratio can
facilitate better exhaust diffuser performance including more uniform inlet velocity dis-
tributions,

Finally, there usually is no restriction on the turbine exhaust diffuser exit velocity
triangle, unless it is part of a regenerative or recouperative system.

Preliminary Design

The preceding paragraphs point out some of the basic design considerations which
must be faced at the beginning of any preliminary design/optimization study. Reasonable
values of the different parameters have been suggeSted above. From this base, near-
optimum preliminary designs can be computed (with one-dimensional geometry definition com-
puter codes). An example (for the centrifugal compressor) is given by Dean {1974).

The optimum design of either the compressor or turbine stage cannot be practically ef=-
fected by hand-calculation; a —omputer code is necessary to optimize several geometric
subsections according to a variety of aerodynamic phenomena. When these are used to
compute basic stage performance, we obtain the fcllowing preliminary results:
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Table 4 Preliminary Overall Compressor/Turbine
Des*gn Parameters, 25 SHP SGT
Parameter Compresasor Turbine

m -~0.475 lbm/sec-~

N ~en?5,000 rpme—-~
pr,er 3.87 3.56
inducer or exducer 0.2724in/ 0.499%1in
radii (ry/ry) 0.907in 1.248in
rotor tip radius 2.359%in 2.7004in
overall stage radius 4.30 in 5.00 in
rotor tip depth 0.112in 0.131lin
stage efficiency, TS 78.8% a3,5*
*Good tolerances assumed,

Design Optimization

These levels of performance are good values to begin the optimization process. They
lie above the performance goals set in Tabhle 3 and pressumc goad manufacturing tolerance
cont¥ol. They must be derated if a very low cost product is desired. This decision must
be iterated through the entire sy tem design/market evaluation. Yet it is possible to
improve the performance further through intensive design cffort and laboratory developnent.
To begln this process, jt is instructive to study in detail basic aerodynamic parameters
pertaining to the preliminary compressor &'‘! turbine design; they are shown below in

Table 5.

Table 5 Basic "as Dynamic Parameters Controlling
Compiessor/Turbine lerformance
(25 SHP 8GT)
Compressor Tusdine
Parameter ~ Value Parameter Value
Inducer Scroll
Mrel,lt 0.65 Mc 0.52
e 0.14 A“s~r011 0.093
3 L]
llt 3.0
Impeller (Bxit) Impeller (Inlet)
MR2 1.42 Mrel,Zt 0.40
€2 0.39 IKE 0.10
L5 0.024 Ang 0.009
AnDM 0.007 AnSF 0.004
A 0.030 .
"BF AN learance 0.041
A 0.047 .
Np AnDM 0.001
AnWL 0
Anclearance 0.010
Diffuser Diffusex
DIKE 0,36 DIKE 0.08
B, 0.08 B,y 0.05
0.70
Coznag 0.078 Cpa-i
aAn
Cp4-c 0.67 D 0,017
M4 0.85
AnD 0.094

It is further instructive to study Figure 8 which shows a breakdow.. of compressor loss
par function of specific speed.
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T0 improve the compressor, we can con-
centrate on a varirty cof the following arcas:

1. Improved impeller performance including:

a, increased relative diffusion (high=
er MR;),

b, reduced slip,

c. reduced backflow loss (probably re-
quiring changes in the vaneless and
semi-vaneless space between the im-
peller tip and diffuser throat],

d. reduced internal wake loss* (requir-
ing preswirl in order to recduce

Mtel lt)‘

e. reduced rear diegk and shroud friction
(requiring optimization of the rear
disk cavity).

2, Improved vaneless and semi-vanmsless
space recovery including:

a. reduced losses (we consider here
only total pressure changes in the
core flow which, in the absence of
shoeck losses, implies large flow
distortions caused by bad interactions
between diffuser throat and impeller
tip), and

b. improved vanecless space diffusion
(which implies either paesage di-
vergence or increased radiuve ratio).

3. Improvements to the channel diffuser re-
covery ineluding the following:

a. designing the diffuser passage closer
to the ridge of peak recovery (on
an area ratio versus L/W plot), and

b. using sophisticated diffuser aug-
mentation techniques (such as suc=
tion or passage shape modification
for profile relaxation).

To optimize this preliminary compressor
design, we must locate the most profitable
areas for our attack. Figures 8 and 9 help us
to select these areas. Invariably, we rule
out preswirl as being mechanically impractical
and therefore we can impact the internal wake
loss only through MRy (or DR,y). It is dif-
ficult to significantly reduce rear disc and
front cover frictiom penalties. We realize
that the impeller and the diffuser are equal-
ly weighted with respect to opportunity for
improvement (see Figure 8). It is also useful
to understand where the recoverable kinetic
energy in the system is. Therefore, we use the
parameters IKE and DIKE which are the impell-
er relative inlet kinetic energy and the dif-
fuger inlet kinetic enerqy respectively. These
are defined and plotted on Fiqure 9., We see,
at the design specific speed (NSS,C=60), that
the diffuser has a potent impact and that fur-
ther improvements in impeller diffusion will
be of limited value. It may i.c worthwhile to

consider rear disc¢ seals to cut friction losses.

Prohably the most practical way, under the re-
strictions assumed here, to improve the impel=-
ler is to reduce or eliminuate backflow loss
{(which was set at 3 points).

Before turning to the turbine stage for
efficiency improvements, it is perhaps appro-
priate to stress the role of IKE and DIKF. We
use IKE to gain some appreciation for relative
levels of kinetic energy in different pieces
of turbomachinery. In Table 6 below are shown
various levels of IKE and DIKE for a variety
of systems.
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Tak inetic Energy bDistribution In
v Rcdial Flow Turbomachines
Compressor Compressor Turbine Turbine

System  IXE DIKE. LKR DIKE
ACV Lift Fan 0.27 0.40 - -
Diesel Locomotlve . *
Tutbocharger 0.20 0.43 0,21
Truck Diesel Turbo 0.129 0,40 0.06 0.16
Small Gas Turbine 0.14 0.36 0.1n n,nA
* Axial Turbine

We see that the values of IKE and DIKE change around significantly depending on the type
of system under consideration. Therefore, our point of attack for stage optimization
would be different depending on the actual unit heing Qesigned.

In turn, we can consider the turbine stage for performance optimization., We con-
centrate on the following arcas;:

1. Inlet volute design improvement (since the volute was optimized for minimum loss
given the required velocity triangles, the only alternative is to switch to a
cascade inlet),

2. Rotor improvement (the rotor has been designed to a nearly optimum configuration
- we can improve it by changing the inlet incidence if a Aiffeient distribution
of efficlency is required at various off design points or by trying less
acceleration in the actual hlade passages, thus reducing the exit velocity), and

3. Exbhaust diffuser recovery can be improved by modifying the basic diffuser geo-

metric parameters such as inlet hub-tip ratio, L/Ar, divergence angle (includ-
ing splittere) and so forth.

As with the compressor, we must carefully choose our areas for design optimization if we
are to achieve maximum benefit, Again, understanding the relative levels of kinetic
energy through the turbine is of use., The appropriate values of IKF and DIKE have been
shown in Table 6 above.

Note that little direct attention has been given to losses; that is, loss correlations
have not been dispersed through this study nnr have we attempted to manipulate parameters
which are constrained in a loss correlation. Pather, we have focused on the basic aero-
dynamic processes which cither achiove maximum pressure recovery for a given element oxr
efficiently convey fluid through an element without creating flow field distortions which
engender high logses,

It is comparatively easy to reveal areas where performance improvement can be woni it
is considerably more difficult to actually effect these improvements. Our previous dis=
cussions have used only one-dimensional concepts and computationdal tools to establish staqge
confiqurations. We can usec thesc tools somewhat further in our optimization studies (par-
ticularly to find trade factors for different pruposed design modifications) but will soon
find ourselves using two-dimensional and three-dimensional) computational tools and even
the experimental laboratory to find Arsign modifications leading to improved performance.
A few examples are given below., The one~dimensional analysis approach is still of utility
while seeking improvements in the compressor diffuser system. For example, we could con-
sider a vaneless diffuser instecad of a zhannel diffuser since the backflow loss would be
eliminated. Vaneless diffuser performance can bhe readily computed with simple one-dimen-
gional (multi-station) integration through the diffuser including appropria*e wall shear
stress levels for the particular picce of turbomachinery. Other diffuser types could he
considered (conicals, double divergence, cascade, etc.). However, laboratory studies of
conical and channel diffusers (see Runstadler ct al. (1975)) and actual compressor test
experience indicates that we cannot do better than an optimally designed straight channel
diffuser (over conicals, cascade, etc.) A comparison hetween the vaneless diffuser and
channel diffuscrs is shown in Table 7.

Table 7 Alternative Compressor Diffuser Confiqurations

Diffuser . « "
Type Anpe*  Cop bnp*  Nag,staqe
Vaneless diffuser, 9 0.410 19.5 70.1
RS = 2.0 * ¢ *
Vaneless diffuser, n 0.510 16.13 731.9
Ry = 5,0 * ¢ *
Channel diffuser, 3 n.695 9.4 78.6

AS4=1.4, By=0.08

Channel diffuser,
A54=1.0, By=0.06

1 0.705 9,3 80.7

b .
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We see that a vaneless diffuser is useless for this application. Furthermore, only small
improvements can be made using a more efficient diffuser alone; the greatest gain to be
had is by reducing the backflow loss which leads, ultimately, to an improvement in stage
efficiency. Systematically reducing backflow loss is not a simple matter.

The actual flow process which exists between the impeller tip and the diffuser
throat is a complex three-~dimensional, tima-dependent, viscous flow flield. We can get
a better grasp on the flow state by using two-dimensional (or quasi-three-dimensional)
tachniques which will compute the blade-to-blade velocity distributions. However, it
is not at all clear that these calculations are of any real value since the £low field
is very three-dimensional and unsteady. One can argue that the approach is useful for
setting incidence; test experience falls to confirm this. Therefore, we are forced to
move virtually from one-dimensional design stage directly to the experimental development
laboratory where various design approaches, based on fundamental diffuser technology, can
be experimentally examined in actual compressor test rigs.

We can similarly concentrate on other areas in the entire compressor and turblne sys=-
tem and follow a similar line of thinking to lead us toward optimized components. This
must be done before any system can be considered to be truely optimized and at 1ts best
level of performance, given the current state~of-the-art and design restrictions (per-
formance, cost, life). We will not pursue those further here since the approach is out-
lined dbove. Furthermore, we will not pursue the example design further 8ince it has
served its purpose: to illustrate the technigues used to achieve maximum performance.

The profile shape of the compressor and
turbine, after the preliminary design and
with some design optimization is shown in
Figure 10, However, it is not representative
of a final design which is ready for man- ™
ufacture. Further optimization, perhaps
even including some experimental development
work, is in order to achieve truely cptimum s
stage performance.

nlen beseit

dlat fatiow
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Efficiency levels of 78.6% and B2.5%

(T8, adiabati.) are projected for the com-

pressor and turbine respectively. Improve- T
ments of about 2-points each are possible i
with laboratory development. Good component et et -
tolerances are assumed. ~ Pigsts 15, Sreilalvary BOLE COAMIEMSiion fur 11 B Gual] Sos Paine

5 PERFORMANCE MnP PREDICTION

Preparation of a complete performancz map for all expected operating conditions com-
pletes the prelimirary design effort, Actually, one cannot carry out the desian optimi-
zation study and then turn to the present task with indifferance. When the match point
optimization is complete, the off design perforxmance is completely set (unless variable
geometry components are employed). Actually, without stressing the point, certain para~
meters were carefully chosen in the preliminary design and design optimization study to
assure good operating range (particularly for the compressor). For example, the match
point incidence was kept low in order to assure good flow range at reduced speed (50% -
70% speeds). In fact, if it was required to optimize SFC (or efficiency) along the entire
gas turbine operating line, as may be reqguired for an automotive gas turbine which would
operate at a number of different speeds, then it would be necessary to choose several
"match points" and consider optimization trades between the different so~called match
points. Occasionally, we are required to go to this extreme. For the present study, we
have followed a single match point optimization approach followed by off design perfor-
mance prediction.

The prediction of off desiyn performance is comparatively easy, contrasted to the
match point studies outlined previously. Nonetheless, there axe several difficult as=-
pects. If it is necessary to predict a map with fidelty at very low gpeeds and low flows,
we find ourselves reaching across a very wide spectrum of possible fluld dynamic states
wherein basic flow phenomena can change radically. For example, the steepness of a com-
pressor speed line, which ig important for stage static stability, is impacted by many
parameters including:

1. impeller relative diffusion characteristics,

2. slip factor variation with all relevant off design parameters (see Sturge &
Cumpsty (1975)),

3. variation of backflow loss with all relevant off design parameters,

4, variation of Welliver loss, and '

5. variation of diffuser static pressure recovery coetficients. ,
Unfortunately, the current state-of-the-art of centrifugal compresscr design/analysis pro-
hibits a proper treatment of all of the above parameters. For example, we have not been
able to develop any rigorous modeling of the backflow fluid mechanics other than to assess
nominal levels based purely on past experience. In fact, the subject matier goes virtually
untouched in the centrifugal compressor literature. On the other hand, after years of
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careful neasurements, wa have been able to accurately establish the relative impeller dif-
fusion characteristics and slip factor variations, but the latter only in the absence of
diffuser pressure fields at the impeller tip, Actually, it is not a bad assumption to
take slip factor information from vaneless diffuser studies inte the interaction case,.

Thus we are faced with a very difficult situation in attempting to predict with suf-
ficient accuracy the complete off deslgn performunce map. But the key probably liea in
the term "with sufficient accuracy”. 1In many cases, it is not important to be able to
predict the entire map with complete precision. It is important to be sure that one can
operate in the vicinity of the desired operating line (without choking or surging) and
that reasonable efficiencies will result. It is also important to have tools that are
sufficlently accurate that one can faithfully trust the models to lead in the direction
of true design optimization. Based on success, we find we have been able to achieve
these objectives very well with the models reported, for example by Dean (1974). Nonethe-
less, it i clear that of the above list of fundamental flow phenomena, not all are well
preceived today. Therefore, one is forced to use simple models, for exumple for backflow,
Welliver loss and slip factor when predicting a complete performance map. In fact, if we
had an alternative it would surely li® in a complete three-dimensional, time dependent
viscous flow field calculation which would be totally impractical for computing such maps.

Figure 11 shows the compressor performance map using a Weisner slip factor, a frozen
level of backflow lossg, zero Welliver loss and diffuser pressure recovery consistent with
past measured experlence and the data of Run-
stadler, et al. (1975). The suxge line is
labeled “"cOnservative surge estimate" and
represents a safe limit which is estahlished I T ~1
by using the highest flow on each speed line 10088
where one of the following indications of
stage instability is found. These iudicators % Ny = 73,000 epm

are:
1. =zero speed line slope (i.e.,
Ipr/om=0) ,

2. impeller incidence has risen to
the stall limit,

S0AN,
3, the level of vaneless space static Conservative o
pressure recovery has exceeded a ::3:.::“ ——

critical value.

We know from experience that we can operate
past any of the above conditlons in certain
cases without surging a stage. Nonetheless,
it is impossible today to predict stage
surge in a centrifuval compressor with pre-
cision. Therefore, for design purposes, we
use the above conservative approach to
establish the expected stable operating
range. Generally, we can achieve greater
range than that shown above.

Total-to-Static Pressure Ratio, L

The off deeign turbine performance char-
acteristic 1s shown in Figure 12. liere, 50Mn

there are fewer off design fluid dynamic Pgo = 14.7psda

phenomena which present performance prediction Top = 520°R

difficulties, However, one phenomena is

worth stressing. When the turbine is oper-

ated sufficiently far off design, there 1 | | L 1

are numerous opportunities for separated o 0.1 0.2 0.3 0.4 0.5

flow to occur in the rotor. For exanmple, Mass Flow, m({lbw/sec)

there is very strong tangential loading in

the radial inflow portion due to the very Figure 11. Preliminary Compressor Performance Map X
rapld change in angular momentum with radius. for a 25 SHP SCT. Reynolds Humber and Clearance !
In fact, the loading can be so great as to Ponalties Includud; Good Manufacturing Tolerances

cause a separation bubble in this region Aasumcd,

even at the match point with zero incidence. !
Potential flow calculations even with zero
incidence can show a potential recirculation
zone. To make matters worse, as a turbine
is operated further off design, it is possible to gseparate the exducer suction surface |
or hub surface, If off design performance is to be predicted accurately, it is necessary :
to represent these separated flows and to incorporate the important mixing loss which re-

sults, Unfortunately, a flow field which can have three or four different possible modes

of separation is extremely difficult to predict, particularly on a one-dimensional station-
by-station caleculation procedure. It is doubtful if it is even worth going to more com-

plicated calculation methods considering the cost and time involved.

An alternative approach to presenting the off design parformance simply uses correla- :
tions of rotor performance to predict far off design characteristics., An example is the

approach developed at NASA as detailed by Glassman (1976), This approach is quite adequate
for developing a performance map for situations where measurements have been made on lden-
tical (or very similar) impellers and nozzles on previous occasions. Unfortunately, vwe
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80 rarely find ourselves in opportunities where
such information i available and useful. It
is declidedly inappropriate if we are attempting
0 to use our design tools to find new optimum

o systems,

The performance map shown in Flgure 12 is
therefore accurate in regions where the fluid
dynamic states are reasonably well behaved.

AB one goes to extreme values of incldence (per-
haps more than %10° or 15°) we expect that the
logses will develop much more rapidly than
ghown in that map. Incidentally, the separated
flow problem alsc exists in the centrifugal
compreaBor. We have been able to incorporate
- that phenomena in the performance map shown in
Figure 11 without concern for off design per-
formance prediction inaccuracies. 1In this
case, the basic flow models assume that the
4 flow is separated all the time (or that a sig-
nificant portion of the flow field is of low
momentum, i.e., heavily retarded boundary lay-
ers swept into a wake region)., But the dis-
T tinction between the compressor and the turbine

appears to be in the various locations in the
impeller where separation can occur. In our

37,500 rpm compressor modeling we treat a basic wake re-
63,750 rpm 1 gion which develops part way through the im-
peller and then passes through to the impeller
discharge, followed hy a complete mixing pro-

\ 1 cess. For the turbine, it is quite poasible
0,2 0.3 0.4 0.5 0.6 that the flow into the turbine could separate,
! be reattached and then leave the exducer with

n/8/8, 1bw/sec two or even three surfaces separated.

60~

50

3

0}-

RN

10

5,000 rpm

Figure 12. Preliminary Turblne Performance
Map for 25 SHP SGT; Good Manufacturing Tol- 6 FINAL DESIGN OPTIMIZATION
erances Assumed.

The principal emphasis in this paper
has been on the preliminary design and de-
sign optimization studies required to gen-
erate a high performance centrifugal com-
pressor and radial intlow turbine. dow-
ever, to complete the reader's understand-
ing of the complete desi¢n process involved,
it is appropriate that a few paragraphs be
set aside to explain the subsequent detailed
design steps.

7!p.c cationa
__Praparstion

g

- The overall centrifugal compressor and
[ Erducer optimisation: D Proaren | radial turbLine design approaches can be
appreciated by studying Figures 13 and 14
which show the design flow chart, The read-
er will readily racognize many portions of 1T
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o N i ateeton tnochinane ] two and quasi-three-dimensional flow field
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calculations., For example, quasi-three-dimensional flow field calculations are made for

the lmpeller blade passages in order tc develop suitable blade shapes yielding optimum

. ‘ loading characteristice. The approach we use to this work is detailed in a recent pub=

e : lication by Howard and Osborne (1976), A further example ,0f course, includes blade-to-

! blade two-dimensional flow field calculations as might be used in the turbine inlet nozzle .
' (1f employed) or in the vaneless or Bemi-vanaless space of a centrifugal compressor.

: In the context of this presentation, we note that after the complete rotor blade de-
: finition work is finished, it may be necessary to recompute the complete performance map
if critical design modifications have been made during the latter design steps.

| 7 CLOSURE

! A highly refined approach %o the preliminary design and design optimization of radial
. compressors and turbines has been presented, Purticular emphasis has been placed on the

! use of Ffundamentally sound fluid dynamic models of critical turbomachinery processes.

With this approach, it is possible to systematically optimize new designs for new appli-

' cations with maximum confidence of developing new products which can make a significant

: impact in the market.

As an example of the techniques used, a paper study wag presented of a 25 SHP 5GT.
While the particular machine has not been buillt, each element of the system is rather
close to elements previously designed by Creare's staff for various industrial projects.
Therefore, we have confidence that a system ¢f this type with performance levels of the
nature shown herein is practical. The sample case (25 SHP SGT) was based on a large
number of system assumptions which must be modified from one application to another.
System modeling and prediction considerations are the domain of a related lecture in the
same series.

The author gratefully acknowledges the direct assistance of §. Wel and 8. Everts;
discussions with L. R. Young and C. Osborne have strengthened the work presented here,
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NOMENCLATURE

ASy channel diffuser throat aspect ratio (b/w for radial-plane divergence; w/b for
meridional-plane divergence)

B boundary layer blockage: B = 1 = ‘Aeffective/hgeometrical)

b meridional depth of passage (normal to mean meridional velocity component) :

& abaolute velocity (ralative to a Newtonian frame, e.g. compressor casing) '

Cp pressure recovery coefficient: Cy = (P~pPrag/(Po~P)yef) where measuring and ?
raeference states and stations mugt be specifically gefined. !

c specific heat at gonstant pressure

oR diffusion ratio: DR = (W;/Wpq)t

ar turbine expansion ratio, total-to-static

g proportionality constant in Newton's Second Law, F = Ma/g

i incidence angle of flow onto blades: (i = By, - B8)

J constant = 778 ft-1bg/Btu

k ratio of specific heats

L diffuser centerline length (from throat to exit plane)

M Mach number

m mass flow rate

MR Mach number ratio = Mpe1 1t/Mrel 23

N shaft speed - 374

Ngg spacific speed: Ngg = NVGg / (Ahgy)

; where N = rpm, Qg = inlet flow = m7p°° in ftJ/sec., Ahyg = isentropic stage
: enthalpy rise in ft-lbg/lby

shaft power

static pressure

stagnation pressure

pressure ratio pr 2 p/Poo

radius ratio, x/ry

gas cunstant

radius

stagnation temperature

impeller (metal) velocity

diffuser throat width (in radial plane)

relative velocity (in coordinate system rotating steadily in Newtonian space)
total shaft work per unit mass of fluid

bearing work factor, see equation 4

relative flow angle

ratio of wake/passage widths; cascade turning

efficlency n = szlc ot = w§_|t
Xd

[2{¢]

[+]

"

swirl parameter: A = Cq/Cy 2
work input coefficient: W2 Wy/ui/ge

xamE >» 3 0XEXRELEc IS OBTTVTY

vorticity or losa coefficient: e.g. Exgy = (Poo = Po1}/ (Mo - P)1 i
slip feoctoxr: o = 1 = Vg/up ;
er/pr




o )

- t
: 6-15 |
SUBSCRIPTS |
3 : b blade property or bearings
j : BF back flow
y ‘ c “ompressor
4 H coll collector station (receiving volume after diffuser)
;i . - D diffuser =,
3 - dam (rotor) discharge mixing | 3
) f friction
h hub
§ i inlet ox impeller
2 Iw internal wake (loss)
hl ¥ o stagnation
v , rel relative to impeller ccordinates
; 8 suction surface
. SF secondary flow
3 t tip or throat or turbine
8 1 TS total-to-static (efficlenoy)
3 ™ total-to-total (efficlency)
d WL Welliver loss, £gw.y
3 w wake
: SUPERSCRIPTS i3
: * mixed cut state (must be specifically defined) l E
7 L2
H !
! STANDARD UNITE Except as noted, all quantities herein have the following unitas: :
i C)W,u fps % E
3 cp Btu/lby ~ °R 5
3 do (lb?/lbf) £t/nac?
E{" m lbm - 1T
4 N rpm
E- PrPorPt  pBia
P hp i
q pai j
R ft-lbg/lby - °R g
r,L,v,etc inches i
T,To/Ty degrees Rankine (°R) 2
time sec =
Wy Btu/lby 138
o lbp/ft ' i3
a,B degrees i o

STATION NUMBERS

The Creare sign eonvention assigns all flow angles positive for velocity vectors that are
in the direction of the wheel rotation.

STATION NUMBERS

Compressor Turbine

0 inlet (stagnation) 0 scroll inlet (stagnation)

1 inducer inlet 1 nozzle inlet

2 impeller tip 2 impeller tip

3 vane leading edge 3 impeller exit -
4 diffuser throat 4 diffuser exit 4
5 diffuser exit N
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CHARACTERIZATION OF COMPONENTS PERFORMANCE AND OPTIMIZATION
OF MATCHING IN JET-ENGINE DEVELOPMENT

Alain G.Habrard
Departement Thermodynamlque et Performances
Direction Technique
SNECMA
France

SUMMARY

Degign and development of jet-engines require prediction and later, characterization through test
analywis, of rhe pertormance of the engiane and Lte components.

Knowledge of component characteristica is generally synthesized in mathematical models which contri-
bute highly to efficient design and development.

At the beginning of development (i.e before first runw of prototype engines) models are essencially
based on estimates and rig tests results. Problema are then encountered when engine tests results are
compared to prediction.

Methods using engine teet analysis to identify component o, ywating charactaristics as installed in

the engine and leading to models more representative of aerothermodynmamic behaviour of engine, are pre-
sented.

Such models appear to be very useful tools during the rarious phases of development. Application and
coordination with tests are discussed and particularly relative matching of components and control sche-
dules optimization.

RESUME

IDENTIFICATION DES PERFORMANCES DES COMPOSANTS ET OPTIMISATION
DE L'ADAPTATION PENDANT LA MISE AU POINT DES TURBOREAGTEURS

La conception et la mise au point des turboréacteurs nécessite la prédiction, puis 1'identification
par 1'analyse des essais, des performances du moteur et de ses composants.

La connaissance des caractérigtiques des composants est généralement rassemblée dans deas modéles
mathématiques dont 1'utilisation accroit notablement 1'efficacité de la conception et de la mise au
point,

Au début de la mise au point (c'est-3-dire avant les premiers essais des moteurs prototypes), les
moddles gont fondés essentiellement sur des estimations ou des essais partiels. Des divergences sont en
général rencontrées lorsque l'on compare les résultats d'essals sur moteur avec les prédictioms.

Les méthodes utilisant 1'analyse des essais sur moteur complet pour identifier les caractéristiques
de fonctionnement des composants tels qu'ils sont installés dans le turboréacteur, et conduisant 3 des
modéles plus représentatifs du comportement adrothermodynamique du moteur, sont présentées,

De tels moddles apparaissent comme trés utiles pendant lea diverses phases de mise au point : les
applications, en coordination avec les essais sont discutdes et plus particuliérement 1'adaptation rela-
tive des¢ composants et 1l'optimisation des lois de régulatiom.
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1. INTRODUCTION

From design to production of the operational engine, many studies and tests take place, or components, as
vell as for a number of prototype engines., Each phase of development requives more and more detailed
knowledge of engine operation as it gives ability to appreciste qualities and deficiencies of the engine
and components and laads to pertinent modifications to reach the specified performance.

That knowledge is derived from analysis of available experimental and theoretical date., Practical use of
these data in a synthetic form requires creation of mathematical models. These models are racognized as
the moat valuable means of collecting information and an effective wedium of communication since wmathe~
watics is the moet common language of engineers. Use of these models during the design phase is well
known as essential.Updated with test results, models can contribute highly to efficient development.

The Performance engineer's moat usual configuration is an assewbly of component aubmodeln linked by
mutual balance equations vased on classical mechanical rules.

Modular approach provides many advantages :

~ eady updating due to module independance

- ¢lear understanding of engine operation as component contribution to overall balance is visualized
- common basis of component performance analysis with component experta.

Identification of in situ compoment performance as well as overall engine performance and stability can
be derived from thorough analysis of engine test data. Development itudies will be performed by model
meang after updating each component submodel with the results of test avnalysis. These studies lead to
clear evaluation cf modifications under conasideration to cure deficiencies. In many cases simulation
will give a good understanding of engine operatiou during test, particularly in flight.

In that process, the main difficulty is model updating and fitting with reality since the prediction
model eatablished for the design phase ravely appears correct when compared to test results.

The objective of this paper is mainly a description of techniques to relate engine test analysis to
model updating.

Applications of engine and vomponent gtatus wodels will be presented.

2. PREDICTION COMINGS SHORT
2.1, Performance deviation and design marging

First engines installed in the bench are generally fully instrumented, Djirect comparison of wmzasured para-
meters to predicted values reveals immediately some differances.

It is extremely rare that a mew engine reaches the specifind performance at the first test and theve is

a gimple reason for that : Design is always at the limite of present technology and ignorance factors are
large.

In the aerothermodynamic field most frequent disappointments are:

« for compressors - surge line too low, lack of efficiency, and lack of flow at high rotational speed

. for turbines — efficiency and flow lower than target.

« burner often show inadequate tempevature profiles.

Then it is logical that component designers at:empt to introduce marging to limit such risks.

Sometimes these margins appear to be insufficient, But the opposite situation, when marging appear even-
tually to be excessive, may also be a handicap.

As a matter of fact component design is defined for optimal mutual matching after studies on the basis
of cowponent specialists data. If any one of the compoments has different characterigtics than expected,
whatever direction it shows, there is no reason for matching to remain optimal and close to specified
conditions.

Thus , 4 rig tested component showing performance "in excess" of specification may be not so valuable

if it induces mismatching of other components and then operation in a low performance part of their map.
It is even possible that the faulty component puts itself in the situation where it is finally poorly
used.

Margins cannot be substituted for ignorance factors. Advances in prediction techniques, analysis and
reduction of these ignorance factors during development are the best ways to reach more severe and often
conflicting targets.

2.2, Sources of prediction errors

Sources of ervor in prediction are :
. quality of theory and method (assuming data available)
, miseing, wrong, or obsolete data.

Extremely complex methods are of no practical use if they require to much computer and data collection
tiwe to be carried on within manageable conditions. When costs and time are near each other,choice bet-
ween paper prediction and test will be directed by effecciveness, accuracy and proof of the two approa-
ches. At the pregent time rig tests are often preferred although they leave place to many potential dif-
ferences with on~engine operation.

Let us quote :

1. Technological diffevences and mechanical environment.
On the rig a certain number of compoment features are not identical to the engine's, either because rig
facilities requires special installation parts, or because the engine configuration has avolved.
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2. Thermal environment differences.
Blade tip and seals clearances, and all temperature dependent mechanical deformations, are very important
for wodern high loaded turbomachinery. On-engine deformations are not reproduced exactly in the rig.

3, Reynolds number and temperature effects.

All rig test facilities do not allow inlet pressure and temperature change. So, viscosity losses varia-
tion are not determined. Moreover, change in characteristics may occur when physical speed or temperature
variacs at constant corrected speed due to ftem 2 effects.

4, Rig test facility features.

The rig test facility comprises special features as inlet duct and bellmouth, exhaust diffuser or volute
struts, bearings. These features create particular operating conditicns sometimes quite different from
the engine's, as wakes, diatorsion pattern, stress.

5, Componenta interference

Component isolated in the rig are not subjectad, as on engine, to adjacent component interactions as tem—
perature and pressure profiles, wakes, turbulence generated upstream and downstream,

Limitations of lsclated component rig capability can be partially overcome by sophisticated test facili-
ties such as :

+ dugl spool compressor rige

v burner plus turbine hot gases rig

, core engine rig

» ga46 supply to these rigs with varied pressure, tempevature, distortion and turbulence levelo,

These very expensive facilities, often more difficult to operate than an engine, are of course very use-
ful but do not eliminate on-engine component characterization.

Use of large portions of the engine in such tests leads very often to run it late after first engine
testa. Except if there are crucial problems, development program management generally prefexrs to put the
effort on engine testa.

In the following, component performance prediction will be considered as derived from rig testing analy-

sis as well as from theoretical calculations. Let us see now what is involved in the problem of charac-
terization of the engine and what are the experimental means available.

3. PERFORMANCE CHARACTERIZATION ~ ASPECTS OF THE PRACTICAL PROBLEM

3.1, Model and measurement compatibility

Each component having a predicted set of characteristics, to characterize that component performance in
situ through engine test analysis means compare and establish differences with prediction in any point
of the map of characteristics.

Fair and correct comparison requires careful definitions and nssessment of parameters to be compared.

Modelling and analysis of the cycle is generally made assuming one dimensional streams. Basic characte-
ristice maps of components are presented according to that assumption. Measurements at rig and engine
bench ghow clearly that this assumption is somewhat artificial and thar clear definitions of mean values
are important.

Transformaltion of three dimengional measurement to one dimensional means values must satisfy the thermo-
dynamic laws employed for the cycle balance calculations. Average pressure, temperature and velocity are
ugually derived from local measurement by application of energy, mass, and momentum equations to elemen-
tal streams. But some difficulties come up as these equations do not always preserve simultaneously flow,
force and area,

Thus, use of one dimensional calculation has to be improved by fits like temperature profile factors,
velocity coefficienta, effective area coefficients. Conventions of that Lype have to be accepted by all
parties concerned with the aerothermodynamics of the engine prior to measurement interpretation and dis-
cusgion.

3.2, Observed components performance

Firet step of engine teat analysis is determination of cycle, gaz flows and efficlencies of main compo~
nents or group of components for each operating point described by simultaneous readings of measured
parameters. Then straight comparison to predicted values can often give a misleading picture of component
quality. Ae said before mismatehir- e to characteristics diffarent than predicted, causes irregular
operation of each component.

That "migration" as it is commonl) .., superimposes its effect to proper anumalies of the component
and it muat be clearly discriminate.

Within the corrected one dimensional scheme adopted and migration effect being separated,the difference
between prediction and engine test analysia resulte can be attributed to the factors listed in 2-2.

Contribution of each onc in the total difference will have to be quantified in concurrence with component
designers., This difficult operation may require further test either on the engine or the rig. Although it
is a master key for progress in prediction sbility, it is not always considered as an essential part of
the development program. Often the performance engineer will have to accept many of the differences deri-
ved from his analysis without full explanation.
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- . 3.3, Experimental availability =

3.3.1. Test Facilities E

The performance engineer's wieh is to identify a component in the entire part of the map used by engine
operation.

N . Generally engine test cannot cover easily the whole map of each component., However, engines equipped with
variable or adjustable features such as nozzle exhaust area, turbine nozzle, air bleed, power off-takes,

bleed back in flow path, compressor stator vanes and adjustable fuel flow control system are more frequent i
with modern technology and these configuration offer quite acceptable capability to explore components -
maps., =

{ Simulated altitude facilities or flying test bed give the opportunity to get tests results with inlet
conditions covering the flight envelupe. Thus Reynolds number and thermal environment variations, high
corrected apeed, high mechanical epeed, high expansion ratio in the nozzles can be studied.

i Even if 'variable featuras are not normally included in the production definition, it is worthwile to use
it durirg the development program at least on some spacially assigned engines. Wise like use of inlet
distorsion genervator and fuel fluw-former will contribute strongly to transient performance and stabi-
lity evaluation.

3.3.2. Instrumentation

Instrumentation quantity and position depend on technical possibilities of installation and environmen-— =
tal conditions as temperature and vibration levels. X

iyl

Thus it is easier to install rakes of pressures and temperatures probes upstream and dounstream of
compressors than in turbine nozzles or in after~burner exhaust nozzles.

Number of rakes in a reference station is a compromise between minimum number of probes to obtain a good
representation of flow conditions, maximum number of bosses compatible with mechanical integrity of
cagings and limited perturbation into the stream. Rake angular positions are usually defined to cover
pitch of the last upstream vanes., Radial position of probes is usually set to cover conmstant area or
constant flow ringa. Such a distribution gives generally an accurate approxiwation of average values

of pressure and temperature by arithmetical mean.

Static pressure measurements are frequently restricted to wall taps except when local curvature of the
stream 1s large and when flow integration is desired with great accuracy (i.,e., total air flow in bell
mouth) .

Other classical thermodynamic measurements are rotatiomal apeed, flow and temperature of fvel, variable
nozzles areas, variable stator angle, blead valve position, thrust., External conditions #4® inlet tempe- H
rature and pressure, flight or simulated flight speed, and amhient static pressure have to be also accu- :

rately measured.

Cavity pressures and temwperatures in the viciunicy of flowpath and metal temperatures help to determine
parasitic and cooling flows.

o

Dimensions of physical areas in the flow path, seals and blade tips clearances and generally mechanical
and geometrical definition of the engine tested have to be well documented.

Figure | shows typical instrumented stations of a turbofan.

Provided with these data, the performance engineer shnuld be able to deal with cycle analysia; but first
of all, elimination of erronecus data will give him some difficulties. As deep analysis requires a great
number of measurements there is an inevitable part of wrong data. Very often inconsistancy of cycle _,g

§

balance will give the best evidence of measurement error. After elimination of erroneous data, reducticn
will give station vectors of average values for parameters to be input in quasi one=dimensional cycle
analysis.

4, CYCLE TEST ANALYSIS AND COMPONENT PERFORMANCE ISOLATION

4.1, Cycle derivation for each set of readings representing test operating point must be worked out with
calculation methods.

Obtention of a consistent cycle for each test operating point, raises variable difficulties depending on
cyele structure and complexity, and number of instrumented stations. It is not always possible to install
meagurements in every important station marking component boundaries. So stream conditions there, have to
be derived from balance equations. Inversely, to solve these equations, some data redundancy may occur,
leading to several ways to calculate some of the characteristic parameters of cycle and components. IJealy
these various solutions should be identical. Usually thaey are close but perfect consistency is never
achleved particularly in early analysis.

Inconsistency is due to 3

a) meagurement accuracy ;
b) approximate representation of the theoretical scheme of calculation i.e model definition :
¢) estimate 2rror in predicted data when not directly measured.

These estimated data are usually derived from theoretical sources, book-keeping of previous experience, i
rig test, or analysis of epecial measurements on the engine,

Let us quote :
. cooling flows, controlled or not leakage flows
+ flow path phyasical or effective areas

i
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accessories and parasitic power and bleed off-takes

snme aerochermodynamic characteristics of some components assumed rightly or wrongly to be well esta-
blished after rig teat or theoretical prediction and reputed as little sensitive to other components
interactions.

For example : combustion efficiency map, pressure loss factors for burner and ducts.

After deep check of measurements it is also necessary to review all assumptions of that kind and adjugt
it, if posaible, until the different methods of cycle balance agree within acceptable accuracy. The
example to follow will permit an easier description of the various methods nf cycle test analysis.

Figure 1 shows flowpath instrumentation capability of a typical modern engine.

Elements exhibited on figure 1, plus estimated data,lead to several sets of equations to establigh a
balanced cycle and derive components afficiencies.

As primary flow determination is generally a key-point in by pass engine test analysis, each method is
distinguished by the method of calculation of that important parameter,

Figure 4 characterizes four typical methods :
1. High pressure turbine flow function

2. Energy balance

3. Low pressure turbine flow function

4. Fan duct flow function

For separated flows engine without reheat, nozzles flow function may also be a useful line of calculation,

Methods | and 2 are the most current. 3 requires inter turbine pressure measurement not always available
as they may be difficult to install. Even inetalled, use if often hazardous due to very distorted profi-
les in that stationm.

Method 4 is of gsome interest for low by pasas ratio engines but requires a well calibrated fan duct.

Varjous cross-check methods are applied through continuity equation when static and total pressure are
available in stations of well known effective area.

Use of the whole set of available methods and cross check is worthwile mainly when Eirst test analysis

is concerned. Later, when consistency of the various calculation lineg are well establighed by eventually
corrected assumptions, use of a single method ls posaible. Then it bag two advantages ! shortened caleu-
lation time and unique referrence to compare small variations of performance.

However whan accurste characterization in absolute terms is required,simultaneous use of the various
methods and matching of assumptions to get thelr concurrence is an essential part of performance test
analysis., Difficulty lies in the fact that inconsistency ias generally sum of many small effects.
Fortunately they are amall enough to justify application of linear calculation techniques to determine
which corrections will compensate.

A current process is determination of measurement or estimated data corrections by variations calculation
meana.

Thus derivative tablze giving linear influence of each variable parameter on the results of the various
methods is a very useful tool. However pertinent use of these tables in a trial and error process is a
gskill-proving technique.

As a matter of fact all that tedious work is nothing but a search for a single, although approximate,
solution to cycle balance equations. Ldeal solution could be considered as the one giving a vector of
results at the minimal distance of each solution of the various methods just depcribed. The computerized
process leading to such a solution begivsto be devdopped on the basls of regression method to minimize
inconsistency. More details on that type of approach will be given nmext in connection with direct iden-
tification of engine model by "optimal simulation method".

Assuming now that a cycle balance is well established within acceptable accuracy, performance of each
component comes out for every analysed test point in tearms of flow, pressure ratio, temperature rise,
efficiency.

riable configuration parameters such as variable nozzles allow to attainment of such results for dif-
Lerent operating lines covering a ocortion »f each component map. The second phase of analysis will be
comparison to predicted or specified maps.

4.2, Component performance isolation

A comprehengive computer program for tegt analysis is able to produce all internal engine performance
parameterns and particularly those which are generally used for component performance characterization,

Each component map is defined by valuee of dependent parameters as functions of some chosen indepandant
parameters., For example corrected rotational epeed pressure ratio and inlet Reynolds nhumber index may
be the independent parameters for a compressor, and mass flow, efficiency, temperature rise dependent
ones.

From the analysis of an engine test point is derived a set of values for dependent and independent cha-
racteristic parameters of each component. Comparison of that set to the prediction for the sawme values
of independent variables is the only valid wetiod as it isolates the component, and eliminates migration
effects aberration.

When variable geometry on the engine or test facilities haa permitted the exploration of a large part of
the component map, lt is possible to compare on~engine map to the predicted one,

e bttt
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Figure 3 shows a Fau map of & turbofan as derived from engine test at 5.L.8. in comparfson to a pradicted
one from rig tests. On-engine mapping was obtajned with a variable exhaust nozzle,

It is not posaible to cover s turbine map so largely, Figure 4 ghows a predicted map and the portion explo-
red by variable exhaust nozzle means.

Variable stators on compreassor may allow a wider variation in corrected speed at constant load.

Likewise, sowe components have .c¥fowwince characteristics very dependent on pressure conditions and can-
not be evaluated without altitude facilities. Figure 6 showa predicted variation of reheat efficiency
with altitude conditions (when inatalled in the '"predicted" engine).

. Thus in some case, characterization of component performance by engine test analysis does not permit deter-

minetion of the whole map. Updating component models will require extrapolation of the characterized por-
tica, Prediction will then remain the best means eventually after correlation of divergences.

4,3, Variation method and correction factors

4.3.1, Uve of variations is 8 good way to emphasize, analyse and correlate divergence from prediction,

To quantify clearly that divergence, it is practical to define correction factors which will scale the
; prediction to fit test results. Moreover it makes & direct connection with the engine math model where

: scaler (or adder) availability is generally provided to work out design studies with modified component
maps .

Correctiou factors derived from test analysis appear as measurement of a prediction ignorance factor.
For each component a correction vector to scale dependent variables has to be carefully defined : corre-
lation potential i.e reduction of ignorance capability often depends on a pertinent definition.

1 Let us review some usual component map transformations,

4,3.2. Fan and compressors
The thermodynamic process in a compressor can be represented by four of the following parametera :
Corrected rotational speed
Corrected mass flow
Efficlency
Enthalpy rise
Pressure ratio

Two of which beeing considered as independent,
Then it ie logical to define a corraction vector with four factors related by ? equations.

A typical compressor correction vector is :
Gl = WH/WR reference
: : G2 = Eis/Eis reference
P : G3 = NR/NR reference
; i G4 = AHR/AHR reference
' alternates foxr G4 are often PR/PR reference or (PR - 1) /(PR reference = 1),

Choosing two of the G factors as independent, it is possible to establish relationships between the four
factors to define various transformations of the map. Based on the fact that the G factors are close to
| these relationships may be simplified.

For example modification of mass flow and efficiency at constant speed and pressure ratio will be defined
by Gl, G2, G3, G4 with G2.G4 = }, G3 =« 1},

Table | of figure 5 shows various transformations.

| Choice of a type of transformation must be directed by the suspected main physical cause of modification.
For example if divergence in flow and efficiency is not related to a change in the veloeity triangle, G4
way be kept equal to 1.

4.3.3, Turbine E
Most usual coordinates (i.e independent variables) for turbine maps are AH/T, WR.NR
ot
AH/T, KR

Dependent variables are pressure ratio, efficiency, axit angle, Power etc...

As modern turbines have wmany cooling and patasitic flows, referred mass flow, speci’ic load, and efficien-
¢y become very counventional. Generally mass flow is referred at the first nozzle vanes throat or a inlet of
first blade row.

it

It may be practical to use power as the independent parameter and represent the turbine wap in the following

way ¢
PR VS NR, PWR/PWR max : :
WR VS NR, PUWE/PWR max : |

Eis = £ (PWR/WR, PR)

and define correction factors as : :
G! ~ WR/WR reference i
G2 ~ Eia/Eie reference :
G3 = NR/NR reference 3
G4 w« PW/PW max/(PW/PW max) reference !
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Like the compressor sowe relationships between these factore allow the definition of various transforma=~ |
tions of the wap., Table 2 of figure 5 liste scme of them.

4.3.4, Other components % "3

= . Ducts = Duct pressure loss 13 generally characterized by a single coefficient known as pressure low factor
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Pressure lcse is then agspumed to be preportional to dynamic pressure in a raference station in the duct,

|
|

In some casea ducta are imtricated enough to have an overall pressure loss which does not follow so eim-
ple a law. There, a better model would be the sum of consecutive elementary losses each ona having ite
own loss factor. Also, the engina duct loss may be affected by profile and wakes generated by the compo- :
nant supplying the flow., For that reason, pressure losses measured on the engine may lead to u variable
loss factor comvared to prediction, The correction factor may be defined as G = Loass factor/Loss factor
reference.

Burner - Aerodynamic pressure loss can be treated as in & duct, Combuation efficiency is difficult to

SCmms

N derive accurately from engine test. So in moat cases it is aspumed identical to rig test values,

ey

Reheat = Thrust and exhaust nozzle area messurcments lead to derivation of reheat system pressure loss
L and reheat combustion efficiency. Pressure loss ard mainly efficiency may be complex functions of system
: configuration, reheat pipe inlet conditions, fuel air ratio and fuel distribution.

Predicted performance generally account for these parameters and it is possible to define correction
factors in reference to that predicted map.

T

4.4, Interest of correction factora

. Thus it is always possible to define, for each component,a vector of correction factors, Each analyzed
i test point leads to corresponding values of ¢ factors.

§ ) Interest of these parameters appears when a whola set of values for a given factor gather in simple

: correlations of relatively amall scatter and amplitude. This case is quite frequent as pradiction quali-

ty has improved largely with modern methods. When these conditions are encountered it is possible to ,
derive simple functions to represent G factors variationms if there are any significant ones. -

Input of these functions in the math-model of the engine will update it without requiriug the refitting
of the whole set of maps in the computer prosram, This can be considerably time saving.

Moreover if the explored region of the map is not large enough to update the whole map, necessary extra-
polation will be easier on the basis of G factor correlationm,

Generally, cotrclation has to be carefully established; statistical methods may be of good help when a
large 'umber of test points {g available,

Figure 7 show correlation derived for mass-flow and efficiency scalers of the Far map presented on
figure 3, after analysi: of sea level static test, G factors functions have been correlated to corrected
speed which fmplies that divergence from prediction is due to internal physical differences with predic-
tion configuration (iwm that case rig test); an assumption which appeared quite justified.

S gyl
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For the same component, simulated altitude engine test gave another correlation for extra mass f£low cor-
rection versus inlet total temperature. Predicted Reynolds number effects were recognized as correct
within measurement accuracy. Corretation with inlet temperature was explained by thermal e anaxon and
for a larger part by untwist of blades when physical gpeed increases with T2 at fixed N/V

WWWWWWWWW

In that example, upstream and downstream instrumentation gave good isolation of the component and corree-
tion factor identification was rather easy. This is not the case for all modules of the engine. Then
regults are more sensitive to meagurements and assumptions errors.

Figure 8 shows scale factors derived for the efficiency of the turbine map presented in Eigure 4, Scatter
is consistent with accuracy of the measurements involved in derivation of efficiency and other turbine
porameters.

Figure 9 ghows for the same turbine, correlations on efficiency obtained for various modifications tested
nn the engine., These results were all obtained by mesns of a variable exhaust wozzle and fuel flow modu-
lation; so they are covering most of the operational region of the map.

e L D e
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Expected trends were qualitatively verified, however quantitative effects were somewhat different and E
confitmed that such modifications had to be evaluated on the engine. i

These tests showed that large divergeace from prediction at part speed was not due o environment effects
but to prediction method shortcoming. Recent and more sophisticated methodes confirmed that analysis.

kel

When amplitude of corrections is large and correlation is difficult to establish clearly, use of G :
factors is of little interest. When that situation occurs, it means either that prediction is too bad !
to be kept as a basis or that the real componeunt shows a serious design or construction problem. Then

it 1s rather recommended to reestablish new maps eventually after rig test evaluation.

Variations of 5 % must be recognized as limits for valuable use of corrections factors.

When correction vectors are determined for each component, they can be fitted in the engine model. Such
an updated model has the advantage of integrating information derived from prediction, rig tests and
engine test. Of courase this method does not completely relieve the refitting of some component maps

when new informations or new definition of the component justify it, However, time always comes in the
development when components are no more extensively modified to require new rig or new prediction. Minor
but often decisive modifications to overcome the last difficulties before reading target have to be .
evaluated on the engine. :

Correction factors methods of updating is also applicable to esteblish a model of an average engine of
a group of the same definition or a specific model of a particular engine of that group; then variations
of the G factors have the magnitude of production tolerances,
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5. DIRECT DETERMINATION OF COREFECTION FACTORS : OPTIMAL SIMULATION

5.1, Correction factors are especially suitable for cycle test analysis with a programmed aystem based on
a prediction moudel.

. As 8 matter of fact direct identification of tha corrections and updating of the basic model can be wor-

. ked out by automatisation of the classical process
Simulation - comparison =~ corvection

where aimulation of test results and operation of the engine is conducted with the original model.
Then comparison with real test resulta determine courrection fartors which are fitted in the model to
update it,
Application to each test point will lead to a new model locally fitting the tests results.
Derivation of G factors require an iterative process until the corrected model reproduces all the measu-

rements with the best possible accuracy. It appears that the regression method is eapily adaptable to the
usual model prograum,

Mersurements and balance equations zre often in a greater number than independent variables (i.e G fde-
to18) as it has been dipcugsed in 4,1, When it is actually the case, equations to minimize simulation
errors have to be substituted to exact classical ones, In most modern matlh models, the non-linear equaw-
tions are solved by the Newton - Raphson method., Structure of the model is designed to allow a variable
choice of independent parameters and equations in equal but variable number.

Non linear set of equations to be solved is

yl (x1, x2, s vl xp) =0 (
; 1 y2 (xl, x2, , xi, xp) =0 .
: : C YX =0 (1)
yi (x}, x2, s ¥1, xp) =0 %

yp (1, x2, , xi, xp) =0 )

i ) Solution is calculated by an iterative process. o
s { Each step gives an approximate solution that is derived by linearization of equation (1). .
- . That approximate solution is X + 8X where

" N 6% = -F w

Matrix D = ”%%llof partial derivatives is calculated by differences eX on each X and resulting one on
each y.

Calculation is repeated until ¥ = 0 is satisfied with acceptable accuracy.

Assuming now that each component submodel has the capability for G £actora*it is possible to choose some
= of them gs X* On the othgr hand_ simulated values of measured parameters M lead to a_ set of equations

(1]

i (2) Y=« P -Mwu O, with P = f (E) by model calculations. A proximate solution to P = M = 0 with minimum
4 i error is defined by the equation of minimum distancg from P to M.
5 e -un? s 2 -unla L, @, - My? ey (P - Mo? 3
1 ( Set of equations to be solved becomes E
| at? Lo
§ 2 ) Gl ¢ 2
E.| v Lo ) ¥
| 76, N 3
I ( :
' A
I 3G
1 1
I

with n unknown quantities G.

It is important to consider as included in P (or M) not only direct)y measured parameters but also esti-
mated patrameters as it was discussed in 4.1.

Equation (3) can be modified in order to account for the relative level of confidence which can be attri-

buted to each one of the measured or estimated values M, For measured parameters this level can be consi-

dered as proportional to accuracy of measurements, A weighting factor Ak is them associated to each term -
of the distance L, tranafovming (3) in

b 2
3§ Ak (Pk - Mk)
¢, ) &
Solution of equation P-YNa=o beeing approximate, it is logical to exclude of (2) equations which must
be solved exactly as mags flow, energy, and momentum conservation. If it is not posaible by a local ite- =
rative loop it will be ascceptable to treat it as equation (2) provided that the corresponding weighting
factor be relatively high,

?l ’ n (a)

The Newton-Raphgon method requires particular logic in the model program to calculate the partial deri-
vative matrix

This logic will be used identically to calculate D -”—E—L%EEEF!BQH but D has p lines and n columg instead

of beeing square us usual.
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1t o in a set guessed values & new approximate set % + 36 to solve (4) 1s ohtained by the linear regresa-
sion formula 1

Towot ca i T AL d-B (5) where

superscript T means "transposed” and A is the diagonal matrix of the weighting factors,

P This calculation will be repeated up to the point where I Ak (Pk =~ Mk)2 variation remsins lower than a
! fixed valua,

Stability and validity of vesults

! The method presented here has the great advantuge of integrating test analysis and improvement of engine :
. and components wodels validity. However from the tneoretical point of view it may seem risky as it requi~ .
! ) res a well marked minimum to converge. Physical. nature of the problem and pertinent choice of meanured
) parameters lead fortunately to stable solution in most cases. Anyway choice of convergence criteria is

not clear,

2
Experience shows also that residual errors for Pk - Mk are often lower than ¢ k (0 k beeing the variance
of mearurement Mk) if weightlng factor Ak was choosen proportional to 1/o k. That result is encouraging
for development of the method. In any case {f residual errors were large it will direct investigations
toward measurement error, assumptions error or modelling shoitcoming.

5.2, Correlation of correction factors ~ Fossible extension of optimal simulation

Analysis of a mwmber of test points covering a large part of the operational range leadsto a corresponding
number of values for each G factor. As discussed in 4.3 it is necessary to establish pertinent correlations
between that correction factor and some usual characteristic parameter of the concerned component or adja-
‘ cent components, With modern computer means, it is possible to process an exhauative search for the best

correlation among many candidates. Regression methods may almo be used successfully, to look for fumction
reproducing the variation of G factors with minimum error.

If physical causes of corrections are well known it may be possible to define the fumctional form of the .
correlation prior to test analysis, Then unknown parameters become the constant coefficients of the func- i
N tion., Lirect determinution of that constant coefflicients simultaneously for the varioue G functions is

theoretically posgible by utilization of the whole set of test points and a simulation~identification

process derived from Kalman filter type method. However it is clear that memory size and computation time

required is ha.dly manageable.

6. APPLICATION OF STATUS ENGINE MOC*L

6.1, Use of the methcds just described leads to an updated math model of the engine and its components i
with the ability to perform simulation of the status performance with an accuracy often competitive with

resl experiments. This ability joined to the extremely low cosc and dulay of computation cowpared to real

test justifies the Increasing interest of that tool.

. ; Application can be divided in two groups : we shall menticn both and discuss the second one, In the first
one are applications siwmilar to those completed with early prediction model. A status model will contribute
to check or update design optimization, dirvect and vrepare tests by preliminary simulation.

-~ Prediction of in flipht overation for the first flight engines is of major interest, Fost tegt or on
line simulation help to check measurements and to understand emgine behaviour. All theae applications
are based on a status engine and systems which may be still far from specifications.

The second group contains applications contributing to improvement of engine and components in order to
achieve specified performance As this requires that every element be pushed to its maximum efficiency,
the first application will be studies of :

. Minor modifications of some components with low predicted risk of self degradation but advantage of
rematching other components to optimum operation.
+ Better control system schedules to make the best possible use of the engine. :

Further contributions to development will be evaluation of the effects on the whole engine of substantial k
modification of one or more components. These modifications can be dictudted by mechanical as well as by :
thermodynamic veasons. Of coutse variation of characteristic of the component to be possibly modified will
be predicted,

el

Simulation of the modification can be incorporated in the model while keeping consistancy with the unchan-
ged and well known parts of it.

Results of these studies will direct decision for the best choice in development orientation.

b Of course the begt solution to reach all the specified targets would certainly be to bring each component
up to £it the characteristics on which specifications were based. However it is uifficult to succeed for
evident reagons as i

- Some objectives are proving to be unaccessible due to unrealistic prediction for specifications
- Valuable modifications for some objective are often conflicting with others :
- If some solutions exist time schedule and cost eliminate most of it. L

So studies aiming to determine means of improvment, while most of qualified components or part of compo-
nent remain usahle, are of [rime interest. It must be remembered in any case that there is no substitute
for quality; then it is unrealisilc to pretend that objectives are attainable if none of the components

| han capability of compensating deficiencies of others.

6.2. Engine rematching

y 6.2.1. Practically, rematching means to introduce in the enpine gencrally minor modifications of some . -
b components in order to set the operating line in the best place for performance and stability optimization. H
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These modificetions are particularly valuable when they do not change the quality i.e efficiency of the

component.

1f any loss occurs it has to be compensated by better operation For another component,
Objectives of rematching are usually :

= Reduction of thermal load to reach specified thrust
~ Reduction of thrust specific fuel consumption

~ Rematching of airflow compatibility with air intake system

= Adeguate sirge margin to insure transient performance and distorsion tolerance.

The following table lista the various part of components on which actions are usually undertaken and their
effects on the matching of a twinspool turbofan.

TYPICAL TURBOFAN REMATCHING ACTIONS

Main resulting

Resulting effect on engine

Resulting effect on

(open)

Last stages blades
stagger (open)

speed. Lower surge
line at low correc-
ted speed.

Increase flow at
low corrected
speed. Rise surge
line at high cor-
rected speed

May improve surge margin
at high corrected rpm.
Decrease surge margin at
low covrected rpm.

Decrease HP rpm at lower
corrected TET or corrected
LP rpwm.

Component Modification effect on com= | matching at constant tur- engine performance
ponent charac- | bine entry temperature
teristics

HP Turbine | Nozzle vanes stagger| Increase flow capa-| Decrease HP rpm, HPC aivflow| Improve starting and
{open) city. HPC pressure ratio, HPT load| accel capabilicy.

Increase HPC surge margin. Increase SFC at
thrust,

LP Turbine | Nozzle vanes stagger | Increase fl'w capa-| Increase HPT load, HP rpm Improve HPC and LFC
(open) city. and HPC airflow. surge margin.

Increase HPC and LPC surge Increage thrust at
margin, TET.

Decrease LP rpm and LPT

load.

Nozzle Exhaust area (open) Iacrease in effec~ | Increase LP rpm, LPT load Increase LP rpm and
Nozzle angle tive area. Increase Fan surge margin thrust at TET. May
(decreased) and Fan flow, change SFC plus or

Decreage LPC surge margin. minue dependiag on
Increase reheat pipe Mn, efficiencies migra-
tion,

Fan Ist stage blades Increase flow at Increase by pass ratio at Increase reheat thrust
stagger or twist,or | high corrected high corrected speed, at altitude low Mn
inlet guide vane rotational speed. {Decrease LP rpm. and fixed Fan surge
atagger (open) margin,

Last stage stagger Decrease flow at Decrease hy pass ratio at Increase reheat thrus4
or twist(closed) low correctad low corrected LP rpm. at altitude high Mn,
rotacional speed, fixed TET and Nozzle
aize,
Increase LP rpm, Increase LP rpm.
May improve SFC at
pert power.
LP comprea-| lst stages blades Decraase primary Increase by pass ratio &t Increage TET at alti-
sor stagger (closed) flow at higl cor- |high LP corrected rpm, tude, low Mn, fixed
rected rotational Fan surge margin,
speed,
Last gtage blades Increase primary Decrease by pass ratio at Increage reheat thrusy
stagger (open) flow at low cor- low LP corrected xpm. at altitude high Mn,
rected rotational fixed TET, Nozzle and
speed. LP rpwm. May improve
SFC at part power.

HP compres=| lst stages venes and | Increase flow at Decreage HP rpm at high Decrease HP rpm and

anx blades stagger high corrected corrected TET. mechanical load.

Pervformance depending
on efficlency and
surge margin change.

el

Mo’

6.2.2, Two topica are often directing rematching actions on compressors and turbines of military turbofans:
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By puss vatio adjustement

Higher Fan pressure ratlo and airflow may increase thrust but a too large by pass ratio is conflicting
with high pressure in Fan and exhaust pipe. At high flight Mach number, for a fixed reheat remperature
and maximum nozzle area, the higher the pressure is, the higher the flow and thruat will be, With limited
turbine entry temperature this requires low by-pass ratio. On the contrary surge problems at high correc-
. ted totational speeds (i.e high altitude low flight Mach number) requires moderate Fan pressure ratio :
which is compatible with larger by passe ratio. As natural evolution of by pass ratio is unlikely following
that trend, it may be worthwhile to match front and back astages of compressor and spoals speeds to have
the best by pass ratio variation,

1 Part power SFC improvement

Generally military engines have stringent specifications for part speed SFC. But to obtalir good perfor-
mance a4t low thrust as well as at maximum rating, is often very difficult, Variations of compressor and
turbine efficiency with rotational speed are very important, At low speed, compressors have generally
better efficiency than at high speed. It is the contrary for turbines. Moreover at low speed, compreasor
efficlency gradient ls smaller than the turbine, So for the same cycle and airflow it may be advantageous
to have higher speed, This may be obtained by reduction of flow capability of the compressor at given
spead. This leads to a rematching study of the first stages.

That discussion confirms the interest of advanced research towardshighly variable geometry engines.

6.2.3. The status engine model is used first to calculate derivatives or influence coefficients of the
different factors listed in the above table. These derivatives have to be calculated for the important
operating points. Then it is poasible to appreciate what modification have the best pay-off capability;
more detailed atudies and gimulations will be conducted for the gelected ones, Simulation of component
e modifications may be carried out by G factors changes.

6.3, Control schedules optimization

While the engine and its components are analyzed aad developaed, progress is also going on for systems and R
particularly the control system. Requirements and specifications of it have to be revised and up-dated to i
fit real characteristics of engine and components.

Choice of control parameters and definition of schedules have to be studied again every time that a siguni-
ficant change has been recognized in the engine characteristics.

Many control system functions are applicable to transient operations. So transient and dynamic simulation
of the engine and its associated control system are of major interest, Versatility of digital math modela
yields the opportunity to evaluate effects of possible components change on control schedule adaptability.

In that type of study, quality of control system modelling is of prime importance: carefull integrated
work with control designers is required to add the control system digital model to engine model program,

Control schedules have to be defined in order to optimize performance and stability particularly for the
installed engine. Then air intake systes and after body-exhauat nozzle models must be added, Also {t may
be very useful to have identified by engine test, correctlon factors for distorsion effects on components
characteristics; thus it will be pogsible to account for this effect and predict performance plus optimize
the control schadule provided that the distorsion induced by the inlet eystem is known. Of course analysis
of flight test and simulated altitude test with the current control schedules is very importantto clearly
establish the validity of the model before using it to optimize and redefine control schedules and system,
particularly because a number of control system characteristics are unaccurately known or predicted.

(B gt ol i)

-

Fhecalie 4

6.4. Component change evaluation

Beyond minor adjustments to rematch the engine it may be necessary to congider extensive change in the
compotients either for mechanical ressons or because rematching appears to be insufficient to reach the
specified performances., Also engine growrh studies require evaluation of new component design.

—
i

Direction of new design requirements is shown by influence studies. Component designer will produce pre-
diction for possible new concepts, taking advantage of on-engine characterization established for the
former component.

Thanks to its modular structure, input of that characteristic in the model is easy and extensive atudy of
the possible performance can be qute rapidly performed. Results will be a precious guide to decide an
effective change of the component as it is generally a costly and time consuming operation. Simulation
of results to be expacted from tests will help to organize it and to check rapidly if the predicted per-
Tl formance is obtained.

g

6.5, FPault isolation i

At o time when maintenance protems and costs become more and more critical with sophisticated modern
engines, simulation techniques can contribute efficiently to identify faulty operation. i

As & matter of fact a wodular model, particularly when built with correction factors capability, gives
the possibility of component deterioration simulation,

Deterjoration of a component may be simulated by change in its characteristics and mainly flow capacity
and efficiency level in ite map.

: As for teet analysis method described in 5, identification of G Factors peaguring the deterioration
3 effects can be performed by simulation of ite consequences on measured parameters,

Up to now, for practical reasons, diagnostic techniques have been based on linear models built around u
matrix of influence factors calculated with the complete non-linear model for a current operational point.

3 ' That matrix ie utilized to calculate relative changes in component charvacteristics i.e G factors varia-
E, : tions, which simulate with the best accuracy, deviation of measured parameters from reference normal
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valued, Linear regression method is a valuable way to derive the G factors vector representing the most
probable solution.

7. CONCLUSION AND RECOMMENDATIONS

Clear knowledge of component characteristics as they work on the engine requires extensive analysis of
test results. It i important to derive from the measurements a view consigstent with the scheme of rapre-
sentation used in design and prediction, However too rigld modelling may hide unpredicted phencmenons as
it leads to the classic trap of fitting reulity to the model, It is necessary to carefully coordinate
evolution of modelling techniques with prediction and test analysis methods,

Fair balance between teat quantity and analysis capability muat be managed to efficiently develop engine
performance an nonA of each can be used alone tn glve the right information. Methods of analysis degcri-
bed are quite powerful and may give the capability of extracting maximum iunformation from often expensive
testa, However it requiresgubgtantial maupower and computer meana to give valuable payoff. More sophisti-
cated and expensive future engines wlll undoubtly emphasize investments in prediction, test analysis and
simulation methods.
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HANDBOOK, UNCERTAINTY IN GAS TURBINE MEASUREMENTS,

Abernathy, R, B.; Powell, B, D.; Colbert, D. L.; Sanders, D. G.; Thompson, J. W. Jr.
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AEDC-Tr-73-5

AD-755 356

The lack of a standara method for estimating the errors asscciated with gas turbine performance data has
made it impossible to compare measurement systems botween facilities, and there has been confusion over
the interpretation of errur analysis. Therefore, 8 standard uncertainty methodology is proposed in this
Handbook. -The mathematical uncertainty model presented is based on two components of measurement error:
the fixed (blas) error and the random (precision) error. The result of applying the model is an estimate
of the error in the measured performance parameter. The uncertainty estimate is the interval about the
measurement which is expected to encompass the true value. The propagation of error from baslc measurements
through calculated performance parameters is presentod, Traceabllity of measurement back to the National
Bureau of Standards and associated error sources is reviewed., (author)

THREE - DIMENSIONAL TURBULENT BOUNDARY LAYER IN A ROTATING HELICAL CHANNEL,
Anand, A. K,; Lakshminarayana, B.

PA State Univ., University Park,

ASME Pap. N 74-FE-25 for Meot. May 13-15 1974, p.16

TURBINE ENGINE CONTROL SYNTHESIS.

Arnett, S. E,

Bendix Corp South Bend Ind Energy Controls Div Air Force Aero Propulsion Lab. Wright-Patterson AFB, Ohio.
Dec 74; 212p.

ECD-863-18667-R

AD-A-005 817

A highly versatile, research type, externally programmable control system for use in development and
evaluation of new modes of control was assembled at the Air Force Aero-Propulsion Laboratory. It includes:
sensors and transducers to measure and transform engine operating state, engine geometry actuation devices
and fuel control mechanisms, & J85-13 engine mounted the cell of Room 21, Building 18C of the AFAPL, a
simulation of the J85 engine on the AFAPL's Applied Dynamics AD/Five Computer, programs for the IBM 1800
computer to control the ongine and the simulated engines, and interface electronic equipment to complete
the circuit between the digital computer, engine-mounted equipment and the simulated engine.

PERFORMANCE OF THREE VANED RADIAL DIFFUSERS WiTH SWIRLING TRANSONIC FLOW.
Baghdadi, S.; McDonald, A, T,
ASME Pap. N 75-FE-19 for Meet. May 5-7 1975, p.8

PERFORMANCE OF 1380 FOOT PER SECOND TIP-SPEED AXIAL~FLOW COMPRESSOR ROTUR BLADE TIP SOLIDITY OF 1.5.

Ball, C. L.; Janetzke, D. C.; Reid, L.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Jan. 1972 100p. refs,

NASA-TM-X-2379; E-5723

N72-14989

This presents the aerodynamic design parameters along with the overall and blade element porformance of an
axial-flow comprassor rotor designed to study the effects of blade solidity on efficiency and stall margin.
At design spced the peak efficiency was 0,892 and occurred at an equivalent weight flow of 65.0 lb/sec. The
total pressure ratio was 1.83 and the total temperature ratio was 1.215. Design efficiency, weight flow,
pressure ratio, and temperature ratio were 0.824, 65.3, 1.65, and 1.187, respectively. Stall margin for
design speed was 19 percent based on the weight flow and pressure ratio values at peak efficiency and just
prior to stall. (author)

SIMULATION OF AXIAL COMPRESSOR PERFORMANCE USING AN ANNULUS WALL BOUNDARY LAYER THEQRY.
Balsa, T, F.; Mellor, G. L,

Dynalysis of Princeton, NJ.

ASME Pap. N 74-GT-56 for Meet. Mar. 2l-Apr. 4 1974, p.13 ASMSA

TURBINE ENGINE TRANSIENT OPERATION.

Barbot, A,

SNECMA, Fr

Entropic V 9. WN 51. May-Jun 1973, p. 43-47

SECONDARY FLOW EFFECTS ON GAS EXIT ANGLES IN RECTILINEAR CASCADES.
Bardon, M. F.; Moffatt, W. C.; Randall, J. L.

Can, Armed Forces, Calgary, Alta.

J Eng Power Trans ASME V, 97 SER A N 1 .Tan 1975 P,93-100

BOUNDARY-LAYER PREDICTION METHODS APPLIED TO COOLING PROBLEMS IN THE GAS TURBINE.

Bayley, F. J.; Morris, W. D.; Owen, J. M.; Turner, A. B.

Sussex Univ., Brighton (England). Lab for Mechanical Engineering.

London Aeron. Res. Council 1971 43p. refs.

ARC-CP-11A4; ARC~-32050

N72-11300

Integral and differential theorles have been used, and applied to flows over convection- und transpiraticn-
cooled turbine blades and simplified representaticns of combustion systems and turbine disks.

HEAT TRANSFER ANALYSIS ALONG THE BLADES OF A GAS TURBIME STATOR BY THERMAL AND KINEMATIC BOUNDARY LAYERS
THEORY

Becko, Y.

ACEC - Westinghouse Res. Lab., Charleroi, Belg.
ASME Pap., N 75-GT-15 for Meet. Mar 2-6 1975, p.8
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COLD-AIR INVESTIGATION OF A TURBINE FOR HYGH TFMPERATURE-ENGINE APPLICATION, S5: TWO~STAGE TURBINE PER-
FORMANCE AS AFFECTED BY VARIABLE STATOR A" A,

Behning, F. P.; Schum, H, J.; Szenca, B. M.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Apr. 1974, 40p.

NASA-TN-D-7571; E-7671

N74-19642

The stator areas of the design two-stage turbine were borh decreased and increased by nominally 30 percent,
and the performances of the two turbines are compared with that of the deslgn stator area turbine. Turbine
efficiency decreased with stator urea changes. Closing the stator area resulted in the more severe efficiency
loss. The dacrease in efficlency for both turbines is attributable to rotor incidence, off-design blade-
surface velocities, and adverse reaction changes across the blude rows.

EXPERIMENTAL STUDY OF ROTATING STALL IN HIGH-PRESSURE STAGES OF AN AXIAL FLOW COMPRESSOR.

Beknev, V. S.; Zemlyanskly, A. V.; Tumashev, R. Z.

Techtran Corp., Glen Burnie, Md.

Sep. 1973, 10p.

NASA-TT-~F-15115

N73-31698

An experimental study of rotating stall in axial-flow compressor stages with different types of profiling
along the blade height and with different calculated regimes of flow past a profile in the cascads was
conducted. 1t is found that, in spite of the different safety margins with respuct to boundary layer
separation in the cascades of the different stages, their boundaries of stable operation are almost the
same. It is shown that profiling taking into account end effects hus a stabllizing influence and leads to
a smoother transition to the rotating stall regime. The flow in rotating stall zones is shown to be of
three-dimensional nature. It is shown that this three-dimensional structure can be Jdetected with the aid of
straight and L-3haped tensoanemometer probes.

ANALYTICAL PREDICTION OF FAN/COMPRESSOR NOISE.
Benzakein, M, J.; Morgan, W. R,

General Electric Co., Cincinnati, Ohio.

ASME Pap. 69-WA/GT-10 for Meet. Nov 16-20 1969, p.8

CALCULATION OF THE QUASI-THREE-DIMENSJONAL FLOW IN AN AXIAL GAS TURBINE.
Biniaris, G.

Rhein-Westf Tech. Hochsch, Aachen, Ger.

ASME Pap. N 74-GT-67 for Meet. Mar 31-Apr 4 1974, p.12

NEW TECHNIQUES FOR MEASURING FILM COOLING EFFECTIVENESS AND HEAT TRANSFER.
Blair, M. F.; Lander, R. D.
ASME Pap. N 74.HT-8 for Mcet., Jul 15-17 1874, p.8

INFLUENCE OF COOLING, FREE-STREAM TURBULENCE AND SURFACE-ROUGHNESS ON THE AERODYNAMIC BEHAVIOR OF CASCADES.
Boekenbrink, D,

Tech. Hochsch, Aachen, Ger.

ASME Pap. N 74-WA/GT-9 for Meet. Nov 17-27 1974, p.16

AIRCRAFT ENGINES (SELECTED ARTICLES)

Bordovitzyn, Yu. A.; Kalmykov, I. I ; Strunkin, V. A.; Dyatlov, I, N,;Sharapow, A. V.

FOreign Technology Div. Wright-Patterson AF8, Chio,

7 May 71, 86p.

FTD-MT-24-18-71

AD-727 175

Contents: The effect of the form of an active gas jet on the characteristics of o gas ejector with short
wixing chamber: Calculation of the maximum degree of compression of an ejector: The raticaal method of
selecting parameters and calculating single-stage gas turbines: A generslizution of the results of measure-
ments of the fineness of fuel atomizatiun of mechanical and air-mechanical injectors of the pressure-jet
type: Calculation of temperature field in a cooled turbine blade with longitudinal cooling channels:
Turbulence in the zone of interplay of jetstreams with the flow.

IMFROVED METHOD EOR CALCULATING THE FLOW IN TURBO-MACHINES, INCLUDING A CONSISTENT LOSS MODEL.
Bosman, C.; Marsh, H.

Univ. of Manchester, Engl.

J Mech. BEng. Sci. Vol. 16, No. 1, Feb 1974, p.25-31

THE EFFECT OF DAMPING FACTOR ON THE BEHAVIOUR OF FLOW CALCULATIONS IN TURBOMACHINES.
Bosman, C.

Manchester Univ. (England). Dept. of Mechanicul Engineeving.

1975, 35p.

ARC-R/M- 3766, ARC~35099

N75-28034

SUB-OPTIMAL CONTROL OF A GAS TURBINE ENGINE.

Bawles, R. J.

Alr Force Inst. of Tech. Wright-Patteraon AFB, Ohio School of Engineering.

Dec 73, 126p.

GE/EE/73A-1

AD-777 852

Gas turbine engine technology has been advanced to the point where it is il.creasingly difficult to apply
conventional feedback control theory to the design of its necessary multiple-input and multiple-output control
systems. Modern linenr control theory was applied to the engine control problem in four stages. Stage 1
involved formulating a simple, reliable, and representative mathematical model of the engine and describing
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the model in state variable form. Stage 2 involved using a truncated Taylor series Lo linearize the engine !
state equations about a succession of engine equilibrium points and solving the linear optimal output :
regulator problem and the linear optimal tracking problem to minimize a quadratic Performance Index. In

stage 3, tho engine model was simulated on a digital computer via the Mimic simulation Language. The engine

control laws werc then reslized in a Fortran function sub-program. Stage 4 consisted of testing the control~

led engine for various throttle demands to verify the satisfactory operation of the controller.

SMALL AXIAL-CENTRIFUGAL COMPRESSOR MATCHING STUDY.
Brown, L. E.
‘ Curtiss-Wright Corp., Wood-Ridge, N.J.
| May 70, 22dp.
( USAAVLAES-TR-70-20 ‘ :
i AD-873 844 :
- i The prime objective of the program is to define the prellminary design and matching of an axial-contrifuzal
= compressor for minimum engine specific fuel consumptlon at 60 percent power and 30 percent power, with
: secondary importance attached to SFC at 100 percent power. Analytical procedures were employed to investi-
! gate effects of englne cycle paramecters, stage-matching characteristics of several axial and contrifugal
compressors, variable compressor geometry (two-spools and stator variable sctting angles), and power turbine
variable area, upon minimum fuel consumption. Design studies were employed in the corsideration of shafting
. and component arrangements. Comparative engine complexity of one-spool and two-spovl c. mpressors in front
3 drive engines was evaluated in the selection of an optimum compressor configuration.

i

STEADY- STATE CIRCUMFERENTIAL INLET PRESSURE DISTORTION INDEX FOR AXIAL - FLOW COMPRESSORS.
s Brunda, D. F.; Boytos, J. F.

. Proc., 10th Nat. Conf. on Environmental Lffects on Aircraft and Propulsion Systems, Trentnn-Philadelphia,
May 18-20 1971,

MINTATURIZED HIGH SPEED CONTROLS FOR TURBINE ENGINES (FABRICATION AND TEST)

e S e il

Burnell, D. G.; Cole, M., A,; Morrison, T. B.; White, A. H.; Zagranski, R. D.
Colt Industries Inc. West Hartford Conn. Chandler Evans Control Systems Div. Air Porce Aerxo Propulsion Lab., v
Wright-Patterson AFB, Ohio. i
. Aug 74, 208p. A
AFAPL-TR-74-93 ‘ k
E AD-A-006 108

This report summarizes the design and dovelopment of control components and high speed fuel pump technology
for future Jdrone, missile and RPV gas turbine engines. The hardware was designed for installation on an
existing engine to provide a vehicle for control mode demonstration and evaluation testing. The developed
hardware includec a fluldic/linear varisble differential transformer delta P/P a’rflow sensor, a radiation
pyrometer for sensing turbine blale temperature, thrze pressure trancducers for sensing burner pressure

) (variable capacitance, strain gage, and potentiometric types), a 70,000 rpm centrifugal pump and propotr-

! tional solenoid-operated fuel metering system, a magnetic clutch-driven 12 rpm gear pump for fuel metering
: ‘ and fucl pressurization, and a lectronic unit for intcrfacing these components with an engine test cell ) E
E . digital computer, i

)

olilelie

bt i

s

'i PERFORMANCE PARAMETERS FOR GAS GENERATOR COMPARISON.

Burns, R. J.
Naval Postgraduate School Monterey Calif.
Mar 72, 86p.
AD-742 940
Methods for comparing gas turbine engines where the thermodynamic cycle begins and ends in the atmosphere
are well defined and documented. No such comparison technique(s) exists for the gas generator or core
portion of the engine. The term gas generator or core refers to the high pressure compressor and turbine,
and the vosbustor. The thesis formulates gas generator performance parameters, develops methods of testing
and data roduction necessary to obtain these parameters, establishes criteria for comparing two gas generators,
and develops an analytical model to test the validity of the comparison method.

il

il

E, INVESTIGATION OF PFACTORS AFFECTING SMALL TURBINE EFFICTENCY AND LOSS PREDICTION. i
A Burrows, L. T.

k- Army Aviation Materiel Labs., Fort Bustis. Va.
: Jun 69, 43p.

b USAAVLABS-TR-69-54

§ AD-859 273

The aerodynamics and mechanics of the high-temperature, low-mass-flow, low-aspect ratio, axial-flow
turbine are discussed. The problems of small size and resulting high secondary losses are coasidered, and
appruaches to improving efficiency are offered, in addition, experimental analysis of a turbine stator
annulus (aspect ratio = 0.5) is presented, with recommendation for an accurate prediction of the losses in
the small, high-pertformance turbine.

INSTANTANEOUS DISTORTION IN A MACH 2.5, 40-PERCENT-INTERNAL-CONTRACTION INLET AND ITS EFFECT ON TURBOJET

STALL MARGIN. ,

E Burstadt, P. L.; Calogeras, J. E,

3 Jul 1974, 42p.

3 NASA-TM-X-3002; E-6234 :

' N74-30243

= An experimental wind tunnel investigation was conducted to determine the effects of time-variant distortions
A produced in a supersonic inlet on & J85-GE-13 turbojet engine. Results are presented principally in terms

o of Instantaneous distortion amplitudes and total-pressure contours measured through compressor stall. They

E indicate that, although a time-averaged distortion may be far from a stall-inducing value, corresponding

= instantaneous distortion amplitudes can approach or exceed this value. Seven enginec stall events were

studied. In six of these ovents instantansous distortion peaks of sufficient magnitude to cause stall were i

observed in the time period shortly before stall was detected.
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CENTRIFUGAL COMPRESSOR ANTI..SURGE AND RECYCLE CONTROL.
Buzzard, W. 8.

Adv in Instrum V 28, Annu ISA Conf, 28th, Proc, Houston, Tex,
Oct 15-18 1973, Part 2, Pap 610, p.8

DESIGN AND EXPERIMENTAL EVALUATION OF A HIGH-TEMPERATURE RADIAL TURBINE, PHASE 2

Calvert, G. S.; Beck, §. C.; Okapuu, U.

Army Air Mobility Research and Development Lab. Ft. Bustis, Va.

May 1971, 223p.

PWA-FR-4058

N71-37381

The report describes the design, fabrication and test of a radial turbine designed to produce 219.6 Btu/lb
stage work at 87.5% efficiency, with a 5:1 stage pressure ratlo, Turbine inlet gas conditions at design
point were 257.5 psia and 2300 F, The resulting turbine configuration consisted of an air-cooled, 12-
bladed rotor designed for 67,000 rpm, and a 20-vaned air-cooled nozzle section of a reflex-type (supersonic)
design. Both parts wore designed as IN100 (PWA 658) Investment castings. As part of the preliminary

design effort, a fabrication study was conducted to evaluate teasible methods of casting the turbine nozzle
and rotor. Results showed that the nozzle section could bo cast as an integrsl assemblyv, but fabrication

of the rotor as an integral casting was much more difficult. Bicasting was evaluated as an alternate method
of fabricating the rotor, and results showed substantial advartages for the bicasting technique. However,
neither method could produce designed rotor pruperties, and testing was conducted with structurally limited
rotors. A test rig was designed and fabricated by the contractor. The test rig consisted of a supercharged
gas generator, which had the capability of controlling the turbine load by varying the compressor flow rate.
Burner testing preceded turbine testing.

TEST RESULTS OF A VTOL PROPULSION CONCEPT UTILIZING A TURBOFAN POWERED AUGMENTOR

Campbell, D. R,; Quinn, B.

Aerospace Research Labs Wright-Patterson AFB Ohio

3 May 74, 7p,

ARL-75-0046

AD-A007-757

Suveral yuestions relevant to the feasibhility of achieving successful VIOL flight with thrust agumenting
ejector wings are answered by the present experimental study. Tests were performed with a large-scale
turbofan powered augmentor that embodied many of the problems encountered in the design of real flight
hardware. The apparatus consisted of four separato and parallel sjector channels in oach of two wings.
Results were compared with data from other laboratory experiments using a single-channel ejector of similar
geometry. Over-all performance levels of the large multichanne] apparatus correlated well with the single-
channel results. Minor interactions between the four ejector channels on each wing had no significant
effect on the aver-all level of thrust augmentation. However, the distribution of thrust was affected and
should be considered in future aircraft system designs. Operating as an alr pump, the turbofan engine was
maintained in its safe operating regime throughout all test configurations.

ENGINE CONTROL SYSTEMS STUDY AS APPLIED TO INTER-ENGINE THRUST CONTROL
Carras, A, N.; Hughett, P. W,

Inter-Controls Inc. Washingten D.C.

Jan 70, p.24s

AD-709 411

VTOL type aircraft incorporating turbo-fan engines as 1ifting means do not sensibly lend themselves to the
cross-coupling provisions inherently available with the shafting of propeller type engines. An engine
failure in the fan engine case is therefore a considerably more prccarious matter for which provision for
thrust compensation more responsive than a pilot would appeer to be required. The study utllizes a very
comprehensive hybrid simulation of the Wtf-60 engine whercin all engine components are simulated on a per-
formance map basis thereby including all non-linearities as well as permitting the availability of any and
all enginc parameters for use as controlled variables operating in conjunction with the manipulated variable,
fuel flow. Further, realistic acceleration control in the course of large upsets is accomplished thorehy
permitting a control system analysis which is completely applicable to the detail design of the control
system and the selection of components.

ANALYSIS OF UNSTEADY AERODYNAMIC EFFECTS ON AN AXIAL-FLCW COMPRESSOR STAGE WITH DISTORTED INFLOW.

Carta, F. 0.

Purdue Univ. Lafayette Ind Project Souid Headquarters

Jul 72, 124p.

SQUID-TR-UARL~-1-PU

AD-746 457

An analytical procedure has been developed to predict the circumfererntial pressure profile at the exit of

a compressor stage subjected to a spatially steady inlet distcrtion. Expressions have been developed relating

the pressure ratio and weight flow characteristics of an axial-flow compressor stage tc the normal force
and drag characteristics of an isolated alrfoil, Thest steady-state interrclotions between rotor and
isolated airfoil werc used to apply available unsteady data for isolated airfoils in the study of distorted
inflow effects. Both unsteady and quasi-steady predictions were made and werc compared with available
experimental results from low-specd compressor tests.

ANA).YSIS OF GEOMETRY AND DESIGN-POINT PERFORMANCE OF AX1AL-FLOW TURBINES USING SPECIFIED MERIDIONAL VELOCITY
GRADIENTS.

Carter, A. F.; Lenherr, F. K.

Northern Research and Engineering Corp., Cambridge, Mass.

Dec 69, 240p.

NASA-CR-1456; NREC-1147-1

N70-14335
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Iy STRESS CALCULATIONS FOR LIFETIME PREDICTION IN TURBINE BLADES. .
5B Chaboche, J. L. E

AN Off Nat) D'Etud et de Rech Aerosp, Chatillon, Fr Iat J Solids Struct

Bl V 10, N'S, May 1974, p.473-482 i
il GAS TURBINE CYCLE CALGULATIONS: BEXPERIMENTAL VERIFICATION OF OFF-DESIGN-POINT PERFORMANCE PREDICTIONS FOR :

e

A TWO-SPOOL TURBOJET WITH VARIOUS AIR BLEEDS.

Chappell, M. S.; Grabe, W.

National Research Council of Canada, Ottawa (Ontario) Div. of Mechanical Engineering.

Nov 1971, 7¢p. refs

LR-555; NRC-12475

N72-22798

A simplified method for calculating off-design point performance of turbojet and turbofan engines, botn at
sea level and at altitude conditions, is presented. The method implies constancy of component efficiencies
and linearity of corrected mass flow with corrected engine speed. Data were guathered on a j-75 two spool
turbojet engine at part throttle conditions, with compressor bleed extraction, and with propelling nozzle
area cheange, The calculations were fornd to be uccurate tor part throttle performance, but less successful
for the other conditions. g
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SIMILARITY CONSTRAINTS IN TESTING OF COOLED EMGINE PARTS. v ;
Colladay, R, S§.; Stepka, F. S.

National Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio, >
Jun 74, 23p. . o

g

L
: NASA-TN-D- 7707 . A
fo " N74-27429 ;o
Ew A study 1s made of the effect of testing coocled parts of current and advanced gas turbine engines at the T
v , reduced temperature and pressure conditions which maintain similarity with the engine environment. Some E
;- of the problems facing the experirmentalist in evaluating heat transfer and aerodynamic performance when L =
hardware is tested at conditions other than the actual engine envirunment are considered. Low temperature N
and pressure test environments can simulate the performance of actual size prototype engine hardware within | =
tho tolerance of experimental accuracy 1f appropriate similarity conditions are satisfied. Failure to adhere iau%

i

to these similarity constraints becausc of test facility limitations or other reasons can result in a number
of serious errors in projecting the performance of test hardware to engine conditlons.

STABILITY OF AN AXIAL FLOW COMPRESSOR WITH STEADY INLET CONDITIONS. ,

Corbett, A. G.; Elder, R. L. e

J Mech Eng Sci V. 16, N ¢, Dec 1974, p.377-385 ¥

AN EXPERIMENTAL INVESTIGATION OF COMPRESSOR STALL USING AN ON-LINE DISTORTION INDICATOR AND SIGNAL CON-

DITIONER

Costakis, W. G.; Wenzel, L. M,

National Aeronautics and Space Administration. Lewls Research Center, Cleveland, Ohio.

Apr 1975, 33p. refs.

NASA-TM-X-3182; E-~-8120 s

N75-20248 '

i The relation of the steady-state and dynamic distortions and the stall margin of a J85-13 turbojet englie \
was investigated. A distortion indicator capable of computing two distortion indices was used. A special
purpose signal conditioner was also used as an interface between transducer signais and distortion indicatox, [
A good correlation of steady~state distortion and stall margin was established. The prediction of stall by Pg
using the indices as instantaneous distortion indlcators was not snccessful. A sensitivity factor that related |
the loss of stall margin to the turbulence level was fcund.

oy

TOWARDS TiE EFFICIENT VIBRATYON ANALYSIS OF SHROUDED BLADED DISK ASSEMBLIES,
Cottney, B. J.; EBwins, D, J.
J Bng Ind, Traps ASME V. 96, Ser B N 5, Aug 1974, p.1054-1059

COMPUTER PROGRAM FOR DEFINITION OF TRANSONIC AXIAL-FLOW COMPRESSOR BLADE ROWS
Crousas, J, E.

: National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio. ;4§

' Feb 1974, 224p, refs, B §

: NASA-TN-D-7345; E-7094 3
N74-17701 -
A method is presented for designing axial-flow compressor blading from blade elements defined on cones

. which pass through the blade-edge streamline locations. Each blade-elemont centerline is composed of two

; sogments which ars tangent to each other. The centerline and surfaces of each segmert have constant change )
of angle with path distance. The stacking line for the blade elements can be leaned in both the axial and
tangential directions. The output of the computer program gives coordinates for fabrication and proporties
for aercelastic analysis for planar blade sections. These coordinates and properties are obtained by
interpolation across conical blade clements. The program is structured %o be coupled with un aerodynamic
design program.

Ll

il i S -

A METHOD FOR EVALUATING OFF-DESIGN PERFORMANCE OF A RADIAL INFLOW TURBINE § COMPARISON WITH EXPERIMENTS.
Dadone, A,; Pandolfi, M.

Politecnico Di Torino (Italy) Ist, D1 Macchine E Motorl Per Acromobild..

Aug 68, 25p.

N70-23653

LD

i

THE OFF-DESICN ANALYSIS OF FLOW IN AXIAL COMPRESSORS.
Daneshyar, H.; Shaalan, M. R. A,

Cambridge Univ, (England) Dept. of Engineering. }
1972, S51p. refs. j 3
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ARC-CP-1234; ARC-32727

N73-18293

The existence and uniqueness of the solutions ohtained from the streamline curveture method of calculating
flow through turbomachines are examined for several operating points of Rolls-Royce compressors, It is
shown that under certain conditions the truncation errors in the numerical solution can become large &nd
hence give rise to the violation o»f the uniqueness conditions. The computer program may then give wrong
answers to the physical problem. The conditions for exlstence and uniqueness may be violated when the
meridionel volocities are small (e.g., near stall) or when there are regions of choked flow. Flow for an
operating point in the stall region 1s computed by suitable modifications to minimize the truncation errors
and hence to obtain & unique solution. This is compared with the results of the previously reported actuator
disk theory and experiment., The effect of variation of losses on the calculation is examined together with
the effect of a correction term due to a dissipative body force, which should be included in the momentum
equation when losses are Introduced.

PREDICTION OR AXIAL-FLOW INSTABILITIES IN A TURBOJET ENGINE BY USE OF A MULTISTAGE COMPRESSOR SIMULATION ON
THE DIGITAL COMPUTER

Daniele, C. J,; Blaha, R. J.; Seldner, K.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Jan 75, 36p.

NASA-TM-X-3134; E-8008

N75-13270

A method of estimating the undistorted stall line for an axial-flow compressor by using the digital computer
is presented. The method involves linearization of nonlinear dynamic equations about aa operating point

on a speed line, and then application of the first method of Lyapunov to determine the stability of the non-
linear system from the stability of the linear system. The method is applied to ¢ simulation of the J8S
compressor, which utilizes stage stacking and lumped volume techniques for the interstage regions to simulate
steady-state and dynamic compressor performunce. The stability boundary predicted by the digital simuletion
compares quite well with the stall line predicted by a dynamic simulation of the J85 compressor programmed
on the analog computer. Since previous studies have shown that the analog-predicted stall line agrees well
with the stall line of the compressor, the digital method piesented is alsoc a good means of estimating the
stall line.

PREDICTION OF COMPRESSOR STALL FOR DISTORTED AND UNDISTORTED FLOW BY USE OF A MULTISTAGE COMPRESSOR SIMULATION
ON THE DIGITAL CCMPUTER

Danisle, C. J.; Teren, F.

National Aeronautics and Space Adminlsiration, Lewis Research Center. Cleveland, Ohilo.

1974, 12p.

NASA-TM-X-71633; E-8171

N75-13190

A simulation technique is presented for the predictlon of compressor ctall for axial-flow compressors for
clean and distorted inlet flow. The simulation is implemented on the digital computer and uses stage stacking
and lumped-volume gas dynamics. The resulting nonlinear differential equations are linearized about & steady-
state operating point, and a Routh-Hurwitz stability test is performed on the linear system matrix. Farallel
compressor theory is utilized to extend the technique to the distorted inlet flow problem. The method is
applied to the eipht-stage JB85-13 compressor.

A COMPUTER PROGRAM FOR THE ANALYSIS AND DESIGN OF TURBOMACHINERY

Davis, W. R.

Carleton Univ., Ottawa (Ontario). Div. of Aerothermodynamics.

Sep 1971, 119p. vrefs.

ME/A-71-5

N71- 37385

A streamline curvature method for analyzing the flow conditions and performance of a turbomachine at design
and off-design conditions is describsd. The inviscid rotational axi-symmetric flow field, with enthalpy and
ontropy gradients permitted, is determinad by an iterative solution. A computer program for the above is
described in detai! and a ¥ORTRAN listing included.

A MATRIX METHOD APPLLED TO THE ANALYSIS OF THE FLOW IN TURBOMACHINERY

Davis, W. R,

Carleton Univ., Ottawa (Ontario) Div. of Aerothermodynamlcs.

Sep 1971, 1lllp. refs.

Mi/A-71-6

N72-12217

A matrix technique for analyzing the flow conditions and performance of a turbomachine is described. The
inviscid, rotatlonal compressible flow field, with enthalpy and entropy gradients permitted, is determined
by an iterative solution. A computer program for the above is described in detail and a FORTRAN listing
provided.

AXIAL FLOW COMPRESSOR ANALYSIS USING A MATRIX METHOD
Davis, W. R., Millar, D. A.

Carleton Univ., Ottawa (Ontario)

Fob 73, 92p.

ME/A-73-1

N73-22723

COMPARLISON OF THE MATRIX AND STREAMLINE CURVATURE METHODS OF A.TAL FLOW TURBOMACHINERY ANALYSIS, FROM A
USER'S POINT OF VIEW.

Davis, W, R.; Millar, D. A. J.

Carrier Corp., Syracuse, NY

ASME Pap. N 74-WA/GT-4 for Meet. Nov 17-22 1974, p.10
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TRANSONIC FLOW ANALYSIS IN AXIAL-FLOW TURBOMACHINERY CASCADES BY A TIME-DEPENDENT MGETHOD OF CHARACTERISLTICS,
Delaney, R. A.; Kavanagh, P,
ASME Pap, N 75-GT-8 For Meet. Mar 2-6 1975, p.s

FORTRAN PROGRAM TO GENERATE BNGINE IMLET FLOW CONTOUR MAPS AND DISTORTION PARAMETERS

Dicus, J, H,

National Aeronautics and Spauce Administration. Lewls Research Center, Cleveland, Ohio,

Feb 1974, 63p. refs.

NASA~TM-X-2967; B-7572

N74-15464 :

A computer program is prosented and described that generates jet engine inlet flow contour weps and inlet
flow distortion parameters. The program input consists of an array of measuroements describing the flow con-
ditions at the engine inlet. User-defined distortion parsmeters may be calculated.

DESIGN AND TESTING OF THE FLOW-THROUGH PART OF A GAS-TURBINE ENGINE
Dondeshanskil, V. K.; Dergach, V. F,

Poreign Technology Div. Wripht-Patterson AFB, Ohio.

20 Jan 74, 21p.

FTD-HC-23-1627-74

AD-782 542

SIMULATION METHOD APPLIED TO RELIABILITY ANALYSIS OF TURBOJET ENGINE COMPONENTS OPERATING IN AIRLINE SERVICE
Dorsey, R. S.; Truscott, H. A,

General Electric Co,, Cinclnnati, Ohio,

Annals of Assurance Sciences, V. 8, July 7-9 1969, p.524~9 8th Reliability and Maintainability Conference.

ADVANCED SMALL AXIAL TURBINE TECHNOLOGY PROGRAM
Due, H. F,; Rogo, C.

Teledyne Cae Tuledo Ohio

Feb 74, 167p.

TCAE-1329

AD~780 152

" The report presents the Phase II experimental investigations of the Phase I turbine design aevodynamics

accomplished using a non-rotating, annular sector cascade. Phase II is the second phase of a five-phase
thirty-one month program. The overall progrem is arranged to isolate the variables which affect turbine
flow, and to develop both empirical data and design judgment criteria which can be incorporated into isolate
the variables which affect turbine flow, and to develop both e.pirical data and design judgment criteria
which can be incorporated into the design technique to improve the accuracy of predicting lossss, flow
conditions, velocity triangles and design point matching.

IMPROVEMENTS TO THE AINLEY-MATHIESON METHOD OF TURBINE PERFORMANCE PREDICTI1ON
Dunham, J.; Came, P. M,

National Gas Turbine Estab., Hantshire, England

J Eng Power, Trans ASME V 92 Ser A N 3 July 1970, p.252-6

EFFECTS OF HEAT SOAKAGE IN AXIAL FLOW COMPRESSORS.
Elder, R,

Cranfield Inst. of Technol, Bedford, England

ASME Pap., N 74-WA/GT-5 for Meet. Nov 17-22 1974, p.§

METHOD FOR THE NUMERICAL CALCULATION OF VELOCITY DISTRIBUTION FOR A BLADE CASCADE ROTATING IN A PERFECT
INCOMPRESSIBLE FLUID.

Eremeef, L. R.

Period Polytech, Mech Eng V 18 N 1 1974, p.53.59

UNSTABLE CONDITIONS OF TURBODYNAMICS. ROTATING STALL

Ershov, V. N.

Foreign Technology Div., Wright-Patterson AFB, Ohio.

12 Aug 71, 254p.

FTD-MT-24-04-71

AD-731 35§

The book gives the results of experimental and theoretical rescarch of unstable conditions in turbodynamos.
In this case primary attention is paid to conditions of rotating stall, The characteristics of the
procedure of experimental research and of the low-inertim apparatus used in this cese are described. Some
methods of expansion of the area of stable conditions are given. This book is intended for sclentific
workers, gradusie students, and engineer-designers working in the area of research and design of gas-turbine
engines, compressors, fans, and pumps.

v

SOME QOBSERVED EFFECTS OF PART-SPAN DAMPERS CN ROTATING BLADE ROW PERFORMANCE NEAR DESIGN POINT

Bsgar, G. M.; Sandercock, D. M.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio,

Jan 1973, 27p. ret's.

NASA-TM-X-2696; E-7067

N73-14985

Detailed measured radial distributions of flow parameters for elght rotors with pars .an dampers are used
to study the effects of dampers on rotor performance and flow parameters at near de...n operation. All
rotoxs had a blade tip diameter of about 20 in. and operated at & blade tip speed of about 1400 ft/sec.
Several examples demonstrate that, when the local loss variaticns in the damper flow region are included
in an aerodynamic design or analysis procedure, the computed spanwise distributions of flow parameters com-
pare closely with measured distributions.

-+ ———— e r

i § i 4 4 —

. e ittt 57 e o

lulit Db il

S




S

B-8

EFFELTS OF FRBE STREAM TURBULENCE ON BLADE PERFORMANCE IN A COMPRESSOR CASCADE

Evans, B.J.

Cawbridge Univ. (Bngland). Dept. of EBngineering.

1971, 48p. refs,

| CUED/A-Turbo/TR-26

i N72-13266 :

} Bounidary layer behavior on the stator blades of an axial flow compressor were studied under the effects of
| free stream turbulence generated by the passage of upatream rutor blades across the flow fisld, at low

i Reynolds' numbers. ‘These conditions were simulated in a specially designed two-dimensional linear cascude.
) A detailed study of the boundary lsyer behavior was made up to turbulence levels of 4% using flow visualiza-
H tion and hot wire anemometry techniques. Reliable data on separation bubble length and on natural attached
{ ) transition length and position ls presented in a directly applicable form, and the necessity of considering
|

!

1

ke i
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the turbulence structuire is demonstrated by an experimental investigation into the isolated effects of
scale upon transition,

4l
St T s W W

: HIGHIY LOADED MULTI-STAGE FAN DRIVE TURBINE PLAIN BLADE CONFIGURATION DESIGN
| ' Bvans, D, C.; Wolfmeyer, G. W,

< . Genoral Blectric Co., Cincinnati, Ohio.

4 : Peb 72, 112p. ;
; NASA-CR-1964; GE-R71-AEG-242 {
f N72-17845 '
! The constant-inside-diameter flowpath was scaled for testing in an existing turbine test facility. Blading

detailed design is discussed, and design data are summarized. Predicted performance maps are presented.

Steady-state stressos nnd vibratory behavior are discussed and the resuits of the mechanical design analysis

are presented. '

' BXPERIMENTAL INVBSTIGATION OF A 4 1/2-STAGE TURBINE WITH VERY HIGH STAGE LOADING PACTOR, 1 TURBINE DBSIGN.
) Bvans, D. C.,; Hiil, J. M.
© General Electric Co., Cincinnati, Ohlo.

Jan 73, 126p.

NASA-CR-2140

N73-16770

The results of the Task 1 and Z turbine design wurk are reported. Preliminary design is discussed. - Blading

detailed design data are summarizod, Predicted periurmance maps are presented. Steady-state stresses and

vibratory behavior sre discussed, and the results of tne mechanical design anulysis are presented.

METHOD FOR DETERMINING COMPONENT MATCHING AND OPERATING CHARACTERISTICS FOR TURBOJET -ENGINES.
Bvans, D. G. ’
National Aeronautics and Space Administration. Lewls Research Centexr. Cleveland, Ohio
Jan 70, 23p.
i NASA-TM-X-1945; E-5316
N70-17957

COMPUTER PROGRAM DESCRIBING TURBINE AERODYNAMIC REQUIREMENTS , APPROXIMATE EXTERNAL BLADE GEOMETRIES, AND
COOLANT FLOW REQUIREMENTS FOR A TWO STAGE AXIAL FLOW TURBINE.

Evans, D. G.; Furgalus, K. A,; Vanco, M. R,

Netional Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio.

Apt 71, 59p.

NASA-TM-X-2229; E-6014 ; :
N71-22568 %

CALCULATION OF THE DEVELOPMENT OF TURBULENT BOUNDARY LAYERS WITH A TURBULENT PREESTREAM
Bvans, R. L.; Horlock, J. H,

Canbridge Univ, Bngl.

: J Fluid Eng Trans ASME V 96, Ser 1 N 4, Dec 1974, .p.348-352

: VIBRATION CHARACTERISTICS OF BLADED DISC ASSEMBLIES :
i Ewins, D, J. 3
) Imperial Coll of Science and Technol, London, Engl 3
2 J Mech Eng Sci V 15 N 3, Jun 1973, p,165-186
!

BFFECT OF OUTBR CASING TREATMENT AND TIP CLEARANCE ON STALL MARGIN OF A SUPBRSONIC ROTATING CASCADE.
Pabri, J.; Reboux, J. g
ASME Pap. N 75-GT-95 for Meet. Mar 2-6 1975, p.7 , :

DIGITAL COMPUTER METHODS FOR PREDICTION OF GAS TURBINE DYNAMIC RESPONSE ;
Pawke, A, J.; Saravanamuttoo, H. I. H. :
SAE Pap. 710550 for Meet. June 7-11 1971, p.9 B

EXPERIMBNTAL INVESTIGATION OF METHODS FOR IMPROVING THE DYNAMIC RESPONSE OF A TWIN-SPOOL TURBOJET ENGINE
Fawke, A. J.; Saravanamittoo, H. I, H.

BEngineering Res Station, Gas Council, Newcastle, England 1
J Eng Power, Trans ASME V 93, Ser A N 4, Oct 1971, p.418-24 E

EXPERIMENTAL VERIFICATION OF A DIGITAL COMPUTER SIMULATION METHOD FOR PREDICTING GAS TURBINE DYNAMIC BEHAVIOUR
; Fawke, A. J.; Saravanamuttoo, H, I. H.; Holwmes, M.

Gas Council Engineering Res Station, Newcastle Upon Tyne, Eng.

Inst. Mech. Eng. (London), Proc. V 186 Pap. N 27, 1972, p. 323-328
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DIGITAL COMPUTER SIMULATION OF THE DYNAMIC RESPONSE OF A TWIN SPOOL TURBOFAN WITH MIXED EXHAUSTS
Fawke, A. J.; Saravanamuttoo, H, I, H,

Br Gas Corp, Newcastle, Bngl

AERON J ¥ 77, N 753, Sep 1973, p.d47l-478

GENENG 2: A PROGRAM FOR CALCULATING DESIUN AND OFF-DESIGN PERFORMANCE OF TWO- AND THREE-SPQOL TURBOPRANS

WITH AS MANY AS THRUEE NOZZLES.

Pishbach, L. H.; Koenig, R. W,

National Asronautics and Space Administration. Lewls Research Center, Cleveland, Ohio.

Peb 1972, 187p, rets.

NASA-TN-D-6553; B-6356

N72-18784 .

A computer program which calculates steady-state design and off-design jet engine porformance for two- ox
three-spool turbofans with one, two, or three nozzles is described. Included in the report are complete
FORTRAN 4 1istings of the program with sample results for nine basic turbofan engines that can be calculated:
(1) three-spool, three-stream engine; (2) <*wo-apool, three-stream, boosted-fan engine; (3) two-spool,
three-stream, supercharged-compressor engine; (4) three-spool, two-stream engine; (5) two-spool, two-stream
engine; (6) three-sprol, three-stream, aft-fan engine; (7) two-spool, three-stream, aft-fan engine; (8)
two-spool, two-stream, aft-engine; and (9) three-spool, two-stream, aft-fan engine. The simulation of other
engines by using logical variables built into the program is also described,

A COMPUTER PROGRAM POR THE SPECIRICATION OF AXIAL COMPRESSOR AIRFOILS

Frost, G. R.; Hearsey, R. M.; Wennerstrom, A, J.

Aerospace Rescarch Labs Wright-Patterson AFB, Ohio

Dec 72, l68p.

ARL-72-0171

AD-756 879

The report destribes the analysis in, and the use of, & computer program which has been developed for use
in the design of axial compressor airfoils suitable for operation at high subsonic and supersonic Mach
nuwbers. Four rather vexrsatile camber line shapes and two thickness distributions are mathematically
derived. These camber lines provide the capability of defining a wide variety of blades, from those of
continuously positive camber to the so-called 'S-blades', including many of the intermediate possibilities,
A mothod is presented whereby the airfoils are specified on arbitrary axisymmetric streamsurfaces and then
accurately redeteymined in Cartesian coordinates on planes normal to the stacking axis.

FORTRAN PROGRAM FOR PREDICTING OPF~DESIGN PBRFORMANCE OF CENTRIFUGAL COMPRESSORS

Galvas;, M. R,

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Nov 1973, 59p. refs.

NASA-TN-D~7487; E-7480

N74-10024

A FORTRAN program for calculating the off-design performance of centrifugal compressors with channel
diffusers is presented. Use of the program requires complete knowledge of the overall impeller and diffuser
geometries. Individual losses are computed using analytical equations and empirical correlations which
relate loss levels to velocity diagram characteristics and overall geometry. On a given speed line com-
pressor performance is calculated for a range of inlet velocity levels. At flow rates between surge and
choke, individual efficiency decrements, compressor overall efficiency, and compressor total pressure ratio
are tabulated. An example case of performance comparison with a compressor built by & commercisl engine
manufacturer is presented to dcmonstrate the correlation with limited experimental data.

DYNAMIC SIMULATION. TOOL FOR ENGINE COMPONENT DESIGN
Gardner, W. B.; Sampl, F.
SAE-Paper 690386 for Meet. Apr 21-24 1969, p.7

THE STUDY OF A CIRCUMFERENTIALLY NONUNIFORM FLOW IN FRONT OF AN AXIAL-FLOW COMPRESSOR STAGE

Ginzburg, S. 1.; Suslennikov, L. A.

Foreign Technology Div. Wright-Patterson AFB, Ohio

23 Mar 73, 30p.

FTD=MT-24-1787-72

AD-759 247

The question of the operation of an axial-flow compressor in a circumferentially nonuniform flow is of
considerable practical interest both with respect to the effect of nonuniformity on the gas-dynawic para-
meters of the stages and their stability and with respect to the determination of the variable forces which
arize on the impeller blades.

COMPUTER PROGRAM FOR PRELIMINARY DESIGN ANALYSIS OF AXIAL-FLOW TURBINES

Glassman, A, J.

National Aeronautics and Space Adminictration. Lewis Research Center. Cleveland, Ohio.

Mar 72, 38p.

NASA-TN-D-6702; E-6603

N72-18774

The program method is based on a mean-diameter flow analysis. Input design requirements include power or
pressuro ratio, flow, tomperature, pressure, and spced. Turbine designs are generated for eny specified
numher of stages and for any of three types of velocity dlagrams (symmetrical, zero exit swirl, or impulse),
exit turning vanes can be included in the design. Program output includes inlet and exit annulus dimen-
sions, exit temperature and pressure, total and static efficiencles, blading angles, and last-stage criti-
cal velocity ratios. The report presents the analysis method, a description of input and output with
sample casos, and the program listing.
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NEW TECHNOLOGY IN TURBINR AERODYNAMICS,

Glassman, A. J,; Moffitt, T. P,

National Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio.

1972, 34p,

NASA-TM-X-68115; E-7059

N72-28795

A cursory review is prusented of some of the recent work that has been done in turbine aerodynamic

vesearch at Nasa.Lewis Research Center. Toplcs discussed include the merodynamic effect of turbine coolant,
high work-factor (ratio of stage work to square of blade speed) turbines, and computer methods for turbine
design and performance prediction. An extensive biblliography is included. Experimental cooled-turbine
aerodynamics programs using two-dimensional cascades, full annular cascades, and cold rotating turbine
stage tests are discussed with some typlcal results presented. Analytically predicted results for cooled
blade porformance are compared to experimental results. The problems and some of the current programs
associated with the use of very high work factors for fan-drive turbines of high-bypass-ratio engines are
discussed. Turbines currently being investlgated make use of advanced blading concepts designed to main-
tain high efficlency under conditions of high aerodynamic loading. Computer programs have been developed
for turbine design-point performance, off-design performunce, supersonic blade profile design, and the cal-
culation of channel velocities for subsonic and transonic flow fields. The use of those programs for the
design and analysis of axial and radial turbines is discussed.

AN APPLICATION OF STREAMLINE CURVATURE METHODS TO THE CALCULATION OF FLOW IN A MULTISTAGE AXIAL COMPRESSOR
Glenny, D. E.

Aeronautical Research Labs., Melbourne (Australia).

May 74, S0p.

ARL/ME-NOTE-346

N75~16558

The performance of a multistage axial compressor, predicted by a computer wodel using a streamline curva-
ture technique, is considered in terms of the flow development within the compressor and the assumptions
inherent in the program. An analysis of the results ghows that provided adquate allowance is made for
the effects of the growth of the annular boundary layers and the development of stall reglons within the
blade rows, the overall predicted stage by stage flow characteristics are consistent with those known to
exist in the actual compressor. However, at present, it is not possible to determine the necessary
annular blockage through the machine without resort to actual experimental data in the flow model. In
addition, because of the absence of a suitable means for allowing for secondary flow in the model, it is
not possible to consider the development of the flow profiles in the region of the annulus walls,

OFF-DBESIGN BEHAVIOR FOR AXIAL FLOW COMPRESSOR STAGES WITH INVARIABLE AND VARIABLE GEOMETRY BLADES

Grahl, K.; Tabakoff, W,

Cincinnati Univ Ohio Dept of Aerospace Engineering

Sep 73, 67p.

73-39

AD-767 265

An application of a computer program is described for studying the off-design performance for single and
multistage axial flow compressors. The calculation method allows one to determine the stage characteristics
as a function of revolutions. This can be accomplished in a very short time with only a few geometrical
and aerodynamical input data, The flow is described by the well-known streamline curvature method. The
necessity of a good loss model is shown. Limitations of this method are described. Some computation
examples for the first and fifth stages of a ten-stage Nasa axial flow compressor sre presented. The
stage and overall characteristics for different compressors are considered for invariable and variable
blade geometry. The off-design analytical results are compared with existing experimental results.

SURFACE VORTICITY ANALYSIS OF 'THREE-DIMENSIONAL FLOW THROUGH STRONGLY SWEPT TURBINE CASCADES.
Graham, D.; Lewis, R, I,

Univ of Newcastle Upon Tyne, Engl

J Mech Eng Sci V 16, N 6, Dec 1974, p.425-433

SURGE AND ROTATING STALL IN AXIAL FLOW COMPRESSORS - 1, 2.
Greitzer, E. M.
ASME Pap. N 75-GT-9 for Meet. Mar 26 1975, 9p. N 75-GT-10, p.13

PERFORMANCE PREDICTION OF TRANSOMIC BLADINGS WITH HIGH DEFLECTION § LOW ASPECT RATIO.
Griepentrog, H.

Von Karman Inst. for Fluld Dynamics. Rhode Saint-gencse (Belgium)

Dec 69, 243p.

VKI-TN-S59  N70-34929

PERPORMANCE PREDICTION FOR HIGH TURNING LOW ASPECT RATIO STATOR CASCADES IN THE TRANSONIC REGIME
Griepentrog, H. B. L.

Karman Inst, Genese, Belgium

J Eng Power, Trans ASME V92, Ser A N 4, Oct 1970, p.390-8

DESIGNING JBT AIRCRAFT WIND- TUNNEL TEST PROGRAMS WITH PROPULSION SYSTEM SIMULATION
Grunnet, J. L.

Fluidyne Engineering Corp, Minneapolis, Minn

J Adrcraft V 8, N 6, June 1871, p.421.7

APPLICATION OF THE MULTIPLE-SCALB CONCEPT TO THE FLOW IN AN AXIAL FLOW TURBOMACHINE
Guiraud, J. P.; Zeytounian, R. K. H.

Off Natl D'Etudes et de Rech Aerosp, Chatillon-Sous-Bagneux

Int J Eng Sci v 12, N 4, Apr 1974, p.311-330
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AN BXPERIMENTAL INVESTIGATION OF THE EFFECTS OF MASSIVE FILM CGOLING ON THE AERODYNAMICS OF A TURBINE

AIRFOIL,
Hartsel, J. E. i
Ohfo State Univ Research Foundation Columbus i

Aug 70, 176p.

. AFAPL-TR-70-97

- * AD-745 575

’ The effects of massive film cooling through multiple rows of discrete holes on the aerodynamics of a typicsl
two-dimonsional turbine airfoll have been studied experimentally using a single blado positioned in a
contoured channcl, The channel walls, shaped to simulate the presence of adjmcent airfoils in a cascade,
were both porous and movable to allow adjustment of the flow direction and airfoil surface prossure.
Electrically heated air was used 8s the primary flow while room temparature coolant air was emitted from
five rows of discrete holes on each alrfoil surface to film cool the regions aft of mid- chord. Hole geo-
motrles angled in the spanwise, chordwise, and vertical directions were employed to achleve coolant-to-inlet .
mass rate ratios as high as 0.05 for blowing from the single blude. I

g

Wy v
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HEAT TRANSFER FROM A SHROUDED DISK SYSTEM WITH A RADTAL OUTFLGW OF COOLANT.
Haynes, C., M.; Owon, J, M. i
Univ of Sussex, Engl. .
J Eng Power Trans ASME V 97, Ser A N 1, Jan 1975, p.28-36

=1 A COMPUTER PROGRAM FOR AXIAL COMPRESSOR DESIGN, VOLUME I. THEORY DESCRIPTIONS, AND USERS INSTRUCTIONS,
: Hearsey, R. M.

Dayton Univ Ohio Research Inst

Jul 73, 97p. .
AFAPL-TR-73-66-Vol=1 .
1 : AD-764 733

A computer program for the deslign of sxial compressors is presented. (t comprises of three principal sections:
3 two alternative means of determining blade geometry, and an aerodynamic computation for the flow through

X : the compressor. One method of determining blade geometry revolves around the use of various analytic mean-

. : lines for the blaJde sections, and leads to the aerodynamic analysis of the flow through specified blading.

El ) The other method consists of creatinyg arbitrary blade sections to follow t'.e flow directions previously

2 determined in an aerodynamic design calculation. The aerodynamlc design section incorporates a loss calcu-
lation routine that may be used to estimate the design point performance of the compressor. The report
describes the computer prograt, and gives all information neccssary to use it.

THEORETICAL FUNDAMENTALS OF CALCULATING STATIONARY PERFORMANCE CHARACTERISTICS OF TURBOJET ENGINES.

Heise, G. . ‘
i Dornicr-Werke G,M.B.H., Friedrichshafen (West Germany)

Apr 69, 44p.

Rept-69/2

N69-38088

s THE UNSTEADY RESPONSE OF AN AXIAL FLOW TURBOMACHINE TO AN UPSTREAM DISTURBANCE, B
Henderson, R, E.
Pennsylvania State Univ. University Park Ordnance Research Lab.
27 Qet 72, 177p.

E T™-72-218 .
5 AD-759 029 i
= The results of a study to determine the unsteady response of an axial flow turbomachine rotor to spatial : 3
3 variations in its inlet flow are presented., This study includes the development of a theoretical ecnalysis : 4
5 . which permits the unsteady lift of a blade row to be expressed in terms of the usual blade design paramecters. 1 3
3 : KWith this solution, which includes the unsteady contribution of the entire blade row, the blade spacing, ! |
E . stagger angle and camber can be selected to give a desired level of unsteady response. Comparisons of this
Eir solution with existing solutions for blade rcws with specified geometries are presented. ! -
I APPROXIMATE ANALYSIS OF THE UNSTEADY LIFT ON AIRFQILS IN CASCADE. : B
Henderson, R, E.; Horlock, J. H. t A
Pa State Univ., State College ' p
- J Eng Power, Trans ASME V 94, Ser A N 4, Oct 1972, p.233-240 ; F
2 : EFFECT OF BLADE ROW GEOMETRY ON AXIAL FLOW ROTOR UNSTEADY RESPONSE TO INFLOW DISTORTIONS. i ;
E: Henderson, R. E.; Bruce, B, P, ’
E ' Pennsylvania State Univ. State College Appliced Research Lab.
- 18 Jul 74, 34p.
E, , T™-74-224 3
E : AD-785 276 i
: Employing a recently developed experimental apparatus, the authors have measured the unsteady response of an 3
isolated axial flow fan rotor to inflow distortions. The measured quantities include the unsteady narmal %

= force and pitching moment on a segment of a single blade operating at various mean angles of attack .nd the
associated distribution of time-mean tota’ pressure cnange across the rotor. These results are part of a
b - larger program that includes varintions in the meun angle of attack in reduced frequency omega, in biade

: stagger angle, and in blade row space-to-chord ratio (5/C), The effect of variations in omega and $/C on
the unsveady response are presented.

2l

VIBRATION ANALYSIS OF ROTATING COMPRESSOR BLADES,

Henry, R.; Lalanne, M. )
| . Inst. Natl Des Sci Appl. Villeurbanne, Fr.
| J Eng Ind., Trans ASME V 9, Ser B N 3, Aug 1974, p.1028-1035
1
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END~-WALL BOUNDARY LAYERS IN AXIAL COMPRESSORS.

Hirsch, C. H.

Vrije Univ, DBrussels, Belg.

ASME Pap. N 74-GT-72 for Meut. Mar 3l-Apr 4 1974, p.14

A PINITE ELEMONT METHOD FOR FLOW CALCULATIONS IN TURBOMACHINES
Hirsch, C.; Warzee, G.
Brussels Univ. (Belgium). Dept, of Fluid Mechanics.

Jul-74, 76p.

VUB-STR-5

N75-10946 o

The pitch-averaged equdtionﬂ in b meridional plane of a turbomachine are derived from the general flow
equations. Assuming axisymmetry, these Syuations are solved, in the case of axial compressors, with the
finite element method. The finite element mcthod and the calculntion procedure are described. The method
is limited to subsonic meridional velocities allowing the treaiment of transonic stages. Comparisous with
experimental results for a transonic single compressor stape and a sibsonlc 6- stage axial compressor show
excellent agroement.

FLOW MODELS FOR TURBOMACHINES, e

Horlnck, J. H.; Marsh, H, e

Cambridge Univ. (England). Dept. of Engineering,

1971, 36p. refs

CUED/A-Turbo/TR-25

N72-13265

The equations for the flow through cascades of blades are averaged ancross the pitch und then compared with
those for tho fiow through hypothetical modals of blade rows - a closaly spaced blade row, an axisymmetric
flow with body forces and the flow on a mean stream surface. It is shown that these models can provide an
accurate ropresentation for the overall flow changes across a blade row, but they cannot give an exact

local maiching with the averaged properties of the flow in the real cascade. The nature of the blade forces
in the real flow and the body forces in the hypothetical flow is discussed,

ANNULUS WALL BOUNDARY LAYERS IN TURBOMACHINES.

Horlock, J. H.; Perkins, H. J.

Advisory Group for Aerospace Research and Development Paris (France).

May 74, 69p.

AGARD-AG~185

AD-780 787

The paper veviews a substantial Lody of fundamental and applied research work on the subject of annulus wall
boundary layers in turbomachines. A product of this work is a method for predicting, with rcasonable
accuracy, the full three-dimensional boundary layer that develops through a single blade row, The limita-
tions of thoe method are discussed in relation to the experimental information available to the authors. In
Part 2 the fundamental work iz subjected to scrutiny in order to extract a boundary layer calculation method
suitable for sstimating the effects of annulus wall boundary layers on the performance cf turbomachines. It
is shown that a great many assumptions and simplifications are necessary at the present time but that
reasonably satisfactory estimates are nevertheless possible., A computer program for the estimation of annu-
lus blockage is listed.

PROPAGATING STALL IN COMPRESSORS WITH POROUS WALLS.
Horlock, J, H.; Lakhwani, C. M.
ASME Pap. N 75-GU-59 for Meet. Mar 2-6 1975, p.8

CONTRIBUTION TO THE QUASI-ROTATIONAL SYMMETRICAL CALCULATION OF THREE DIMENSIONAL FLOW IN AXIAL BLADINGS
CONSIDERING BLOCKING PH.D. THESIS ( BEITRAG ZUR QUASIROTATIONSSYMMETRISCHEN BERECHNUNG DER DREIDIMEN-
SIONALEN STROEMUNG IN AXTALEN BESCHAUFELUNGEN UNTER BERUECKSICHTIGUNG DER VERSPERRUNG)

Hourmouziadis, J.

Technische Univ., Berlin (West Germany)

1971, 98p. refs.

N72-15261

A general dimensionless form of the radial preszure equation is developed and used in an approximative
theorem for blade pressure to calculate the cascade flow. Comparison of calculated and measured flow
values shows that: A generalized radial pressure equation represents the actual f{low dynamics inside the
axial fold only insufficlently because radial velocity is neglected; blade force exerts a strong effect on
the radlal pressure gradient inside the cascade; variable radial pressure gradient and profile form determine
axial velocity distribution; and cascade produced perturbations diminish quickly in front and after the
cascade. I+ is concluded that blade posit oning is of utmost importance on cascade flow,

FEARED COMPRESSQOR STALL OR JET TURBINE ENGINES,
Hufnagel, S.
Wehrtechnik N 4, Apr 1969, p.138-141

REQUIREMENTS FOR DIGITAL COMPUTER SIMULATION OF GAS TURBINE PROFULSTION SYSTEM PERFORMANCE. PHASE I. STEADY-
STATE AND TRANSIENT ENGINE PERFORMANCE SIMULATION.

Hutcheson, L.; Armstrong, W. C.; Cooper, C. B,

Arnold Engineering Development Center Arnmold Air Force Station Tenn

Mar 71, 34p.

AEDC-TR-71-24

AD-720 803

Present and near-future requirements for the addition of digital computer simulation of gas turbine engine
steady-state and transient performsnce to the present Bngine Test Facility and Propulsion Wind Tunmel

Facility digital data capability were determined based on information and guldince provided by the Air

Force Aero Propulsion Laboratory and various gas turbine emginc wanufacturers. During Phase I of this study,
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digital computer high-speod core memory size and throughput times were determined and are presented for
several modern steady-state and transiont mathematical model simulation programs. Display requirements were
also determined and are presented for full utilization of the mathematical model results, off-line and on-
line, Some prelimlnary results on dynamic compressor mathematical models are discussed,

A TWO-DIMENSYONAL CASCADE TEST OF AN AIR~COOLED TURBINB NOZZLE. PART 2 - ON THE TEMPERATURE DISTRIBUTIONS
OF A CONVECTION-COOLED BLADE AS DETERMINED BY NUMBRICAL CALCULATION AND BY ANALOGUE SIMULATION TEST.
Inoue, S.; Mimura. P.; Nouse, H.; Takahara, K.; Yoshida, T.

National Aerospace Lab., Tokyo (Japan).

Jan 71, 24p.

NAL-TR-232

N71-33549

SIMULATION STUDY OF TRANSIENT PERFORMANCE MATCHING OF TURBOFAN ENGINE USING AN ANALOGUB COMPUTER TO EVALUATE
ITS USEFULNESS AS DESIGN TOOL,

Itoh, M.; Ishigaki, T.; Sagiya, Y.

Ishikawajima-Harima H- avy Ind, Co., Tokyo, Jap.

ASMB Fap. N 74-GT-50 .or Meet. Mar 31-Apr 4 1974, p.6

CONVERSION OF INLET TEMPERATURE DISTORTINNS TO VORTICITY FOR AN AXIAL-FLOW COMPRESSOR.
Iverson, M. M,

Naval Postgraduate School Monterey Calif,

Jun 72, 92p.

. AD-745 852

A survey of the litezature on pressure, temperature and foreign gas inlet distortions is made. For inter-
which use tempeiifurahnghpressure distortion waps. The distortion in the form of temperature contours is
transformed to vorticity using appropriate equations derived for both incompressible and compressible flow.
A numerical solution of Poisson's Byuatjon to describe secondary flow arising from convected vorticlty is
presented. T—

COMPRESSOR SENSITIVITY TO TRANSIENT AND DISTORTED TRANSTENT~ELQWS. VOLUME 1Y, MATHEMATICAL DETAILS AND
COMPUTER PROGRAMS, T

Jansen, W.; Swarden, M, C.; Carlson, A. W. T e
Northern Research end Engireering Corp. Cambridge Mass. ..
Jan 71, 184p. .

NREC-1149-2 e~

AD-728 024 ~

The report is the second volume of a report describing the results of an analytical investigation nf\bem-
pressor sensitivity, conducted under Contract No. N0O0019-69-C-0602 for the Department of the Navy. Naval,
Alr Systems Command, The objectives of the investligation were to develop an analytical model which simu-
lates comprassor response to spatial and temporal flow disturbances; to establish by application of the
model the importance of various flow mechanisms, and their relationship to design variables, in determini
compressor response; and to establish some design trends by means of a limited pavamotric study. This
volume contains the detailed mathematical development of the models and the theoretical background of the
equations that were utilized; the results of the studies are described in general terms in Volume 1. }
SIMULATION OF TURBINE STAGE OPERATION WITH WORKING MEDIA DIFFERING FROM ACTUAL ONES.

Kalinin, G. E.

Energomashinostroenie N 8 Aug 1972, p.25-27

THE THEORY OF TURBO-MACHINES (SELECTED CHAPTERS)
Kirillov, I, I.

Foreign Technology Div, Wright-Patterson AFB Ohio
24 Jun 74, 330p.

FID-MT-24-423-74

AD-784 180

EFFECT OF INDUCER INLET ANR DIFFUSER THROAT AREAS ON PERFORMANCE OF A LOW PRESSURE RATIO SWEPTBACK CENTRIFU-
GAL COMPRESSOR.

Xiassen, H, A,

National Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio

Jan 75, 26p.

NASA-TM-X-3148; E-8010

N75-13869

A low-pressure-ratio centrifugal compressor was tested with nine combinations of three diffuser throat areas
and three impeller inducer inlet areas which were 75, 100, and 125 percent of design values. For a given
inducer inlet area, increases in diffuser area within the range investigated rosulted in increasod mass flow
and higher peak efficiency. Changes in both diffuser and inducer areas indicated that efficiencies within
one point of the maximum officiency were obtained over a compressor specific speed range of 27 percont. The
performance was analyzed of an assumed two-spool open-cycle engine using the 75 percent area inducer with

a variable area diffuser.

GENENG: A PTOGRAM FOR CALCULATING DESIGN AND OFF~DESIGN PERFORMANCE FOR TURBOJET AND TURBOFAN ENGINES.
Koenig, R. W.; Fishbach, L, H,

Natlonal Aeronautics and Space Administration. Lewls Research Center, Cleveland, Chio.

1972, 161p.

NASA-TN-D-6552; E-5867

N72-18783

A computer program entitled GENENG employs component performance maps to perform analytlcal, steady state,
engine cycle calculations. Through a scaling procedure, each of the component maps can be used to represent
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a fomily of maps (differont design values of pressure ratlos, efflclency, weight fiow, etc,) Either con-
vergont or convergent-divergent nozzles may be used. Included is B complete FORTRAN 4 listing of the pro-
gram, Sample results and input explanations are shown for one-spool and two-spool turbojets and two-spool
separate- and mired-flow turbofans operating at design und off-desipgn conditions,

OVERALL AND BLADE-ELEMENT PERFORMANCE OF A TRANSONIC COMPRESSOR STAGE WITH MULTIPLE-CIRCULAR-ARC BLADES
AT TIP SPEED OF 419 METERS PER SECOND,

Kovich, G.; Reid, L.

National Aeronautlcs and Space Administration., Lewis Research Center, Cleveland, Ohio,

Mar 73, 1l1p.

NASA-TM-X-2731; E-6823

N73-19995

PERFORMANCE OF TRANSONIC FAN STAGE WITH WEIGHT FLOW PER UNIT ANNULUS AREA OF 198 KILOCRAMS PER SECOND PER
SQUARE METER (40.6(LB/SEC)/SQ FT)

Kovich, G.; Moore, R. D.; Urasek, D. C.

National Acronautics and Space Administration. Lowis Rescarch Center. Clcveland, Ohio.

Nov 1973, 92p. refs.

NASA-TM-X-2905; E-7205

N74-10027

] The overall and blade-element performance are presented for an air compressor stage designed to study the
A cffect of weight flow per unit annulus arca on cfficiency and flow range. At the design spced of 424.8

< m/sec the peak efficiency of 0.81 occurred at the design weight flow and a total pressure ratio of 1,56,

\ Design pressure ratlo and weight flow were 1,57 and 29.5 kg/sec (65.0 1lb/sec), vespectively. Stall margin
at design speed was 19 percent basod on the welght flow and pressure ratio at peak efficiency and at stall.

1' ! CALCULATION OF THE DISTRIBUTION OF LOSSES OVER THE SPAN OF AN AXIAL-FLOW COMPRESSOR BLADE
: Beknev, V. S.; Kozhevnikov, V. Yu,
Foreign Technology Div. Wright-Patterson AFB, Ohio
2 Aug 72, 13p.
FTD-MT-24-245-72
AD-750 931
On the basis of experimental data, rclatlonships arc obtained which make it possible to calculate the losses
at cach cross section with respect to the helght of an axial compressor blade, The obtained results permit
u judgment to be made concerning the influence of vurious cascade parameters upon the distribution of
losses with respect to blade height.

VISUALIZATION STUDY OF FLOW IN AXTAL FLOW INDUCER.
Lakshminarayana, B,

i Pa, State Univ., Univorsity Park,

J Baslc Eng., Trans ASME V 94, Ser D N 4, Dec 1972, p.777-787

MGTHOD OF MEASURTNG THREE-DIMENSIONAL ROTATING WAKES BEHIND TURBOMACHINERY ROTORS.
t Lakshiminarayana, B.; Poncet, A,

Pa, State Univ., University Park,

J Fluid Eng Trans ASME V 86, Ser 1 N 2, Jun 1974, p.87-91

FLUID MECHANICS, ACOUSTICS, AND DESIGN OF TURBOMACIIINERY, PART I.
' Lakshminarayana, ed., B,; Britsch, W. R.; Gearhart, W. S.

" Pennsylvania State Unlv., University Park.

[

!

I

1974, 419p. refs.

NASA-SP-304-Pt-1; LC-72-600087-Pt~1

N75-11174

A conference was conducted to analyze the effects of air flow orn turbomachinery design. The subjects dis-
cussed are: (1) cquations for compressible flow through turbomachines, (2) influence of axial velocity
ratio on cascade performance, (3) three dimensional flow in transonic axial compressor blade rows, (4)
prediction of turbulent shcar layers in turbomachines, and (5) boundary layers in centrifugal compressors.
For individual titles, see N75-11175 through N75-11190.

iatisinl

FLUID MECHANICS, ACOUSTICS, AND DESIGN OF TURBOMACHINERY, PART 2. .
Lakshminarayana, cd., B,; Britsch, ed., W, R.; Gearhart, W. S. !
Pennsylvania State Univ., University Park. . |

, 1974,  447p, rofs, : L
r NASA-SP-304-PE~2; LC-72-600087-Pt-2
k. N75-11191 i

K A confercnce was conducted to investigate various parameters involved in the design of turbomachinery. The
acoustic propertics of compressor rotors at subsonic specds are described to show the sources of sound in
fluid flows and sound radiation from the rotors. The design criteria for turbomachinery are examined to

3 show impeller desipgn methods, transonic compressor technology, and blade selection for an axial flow com-

. pressor, Specific applications of turbomachinery used as pumps for aerospace applications and turbomachinery
3 for marine propulsion are described.

INVESTIGATION OF THE PHENOMENON OF ROTATING STALL

LeBot, Y, -
Aero-ﬁydro-Elastlcitc, Summer Sch of Fluid Mech., Cycle of Conf., Ermenonville, Fr,
Sep 4-8 1972, p.623-694 '

T R

3 CALCULATION OF CASCADLE PROFILES FROM THE VELOCITY DISTRIBUTION.
. | . Lecomte, C.

. | ! Natl D'Etud et de Rech Aerosp., Chatillon, Fr.

: : ASME Pap. N 74-GT-70 for Meet. Max 31-Apr 4 1974, p.o6
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COMPARISON OF THE EFFECT OF TWO DAMPEPR. SIZES ON THE PERFORMANCE OF A LOW-SOLIDITY AXIAL-FLOW TRANSONIC COM-
PRESSOR ROTOR.

Lewls, G. W., Jr,; Urasek, D. C.

National Aeronautics and Space Administration. Lewis Research Center, Claveland, Ohio

Apr 1972, 89p, refs.

NASA-TM-X-2536; B-6536

N72-22799

The experimental performance of a 20-inch diameter axial-flow transonic compressor rotor with small dampers
is presented. The compressor rotor was testod ocarlier with large dampers which were twice in size, and com-
prrisons of overall performance and rudial distributions of selected flow and performance parametors are
made, The rotor with small dampers experienced lower losses in the damper region which resulted in locally
higher values of temperature risc efficiency end total pressure ratio. However, there was 1o appreciable
effoct on overall efficlency and pressure ratio. A greater stall margin was measured for the rotor with small
dampers at design speed, but at 70 and 90 percent ~f design speed the rotor with large dampers had somevhat
greatoer flow range.

SIMULATION OF VELOCITY PROFILES BY SHAPED GAUZE SCREENS,
Livesey, J. L.; Laws, E. M,

Univ. of Salford, Engl.

ATAA J V 11 N 2, Feb 1973, p.184-188

SHORT DURATION STUDIES OF TURBINE HEAT TRANSPER AND PILM COOLING EFFECTIVENESS.
Louis, J.F.; Demirjian, A. M., Soulios, G, N,; Topping. R, F.; Wiedhopf, J. M.
ASME Pap. N 74-GT~131 ror Meet. Mar 30-Apr 4 1974, p.1§

INVESTIGATION OF ROTATING STALL IN AXIAL FLOW COMPRESSORS AND THE DEVELOPMENT OF A PROTOTYPE ROTATING STALL
CONTROL, SYSTEM.

Ludwig, G. R,! Nenni, J. P,; Arvendt, R, H.

Calspan Corp. Buffalo, N.Y.

May 73, 280p.

MK-2932~A-13 AFAPL-TR-73-45

AD-762 297

The report summarizes the results of a threw year program on rotating stall in axial flow compressors conducted
at Calspan Corporation (formeriy Cornell Aeronautical Laboratory}, The work encompassed both experimental
and theoretical investigations of rotating stall and the development of a prototype rotating stall control
system, The experimental portion of the program included investigation of the effacts of blade chord and
solidity upon rotating stall properties and inception as well as an investigation of the effect of blade row
rotation on blade row performance. In addition, an experiment to determine the stability of the flow through
a blade row was conducted. A two-dimentional small-disturbance stability theory was developed to predict

the inception of rotating stall. A single blade Tow and two blade row version of the theory were developed.

EXPERIMENTAL INVESTIGATION OF ADVANCED CONCEPTS TO INCREASE TURBINE BLADE LOADING. VOLUME 7 - PERFORMANCE
EVALUATION OF MODIFIED JET-FLAP ROTCR BLADE.

Lueders, H. G.

Ceneral Motors Corp., Indianapolis, Ind. Allison Div,

Mar 71, 31p.

N71-20182

DIRECT PROBLEMS

Lumsdaine, E.; Pathy, A.

Univ. of Tena., Knoxville

ASME Pap. N 74-GT-93 for Meet. Mar 31-Apr 4 1974, p.7

SUBCRITICAL AND SUPERCRITICAL COMPRESSIBLE SHOCK FLOW IN BLADE CASCADES

Luu, T. S.; Coulmy, G,; Grissa, A.

ATMA-Association Technique Maritime et Aeronautique. Paris (France)

1972, 33p.

N73-23378

Poisson type equations are used to study subcritical and supercritical flow about shockless blade cascades.
Data cover pressure effects, flow velocity, fluid sliding on profiles, and perturbation. When blade geometry
is considered for any angle of attack and for different Mach number values, pressure distribution and down
stream flow condition may be dotermined. Whirlwind intensity and distribution on blade contours are also

determined,

APPLICATION OF THE THEORY OF SIMULI'TUDE TO THE DESIZSN OF CONTROL SYSTEMS FOR GAS TURBINE ENGINES
Lyubomudrov, Yu. V.

Foreign Technology Div. Wright-Patterson AFB, Ohio

25 May 73, 265p.

FTD-HC-23-1340-72 .

AD-764 683 ‘
The report discusses the questions related to optimum design using the theory of similitude of automatic
control systéms -for aircraft gas turbine engines (gte) copsidered as objects with characteristics varying
during flight. The ‘¢quation of motion of the controlled Object, expressed in terms of reduced variables,

is unique for all conditions uf.its operation and may be represented as a graph of the ‘dynamic characteris-
tic of a Gte' that can be used as a basis to determire the required control laws. The selection of the
optimal formula for the control system is dons by using power complexes of Gte parameters. A foundation

is provided for the principle, of designing a single control system that combines higher veliability of con-
trol in the entire range of flight conditions with rqfiabillty-cf_gonttol.
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COMPUTER PROGRAM FOR PREDICTION OF AXIAL FLOW TURBINE PERFORMANCE

Macchi, E.

Naval Postgraduate School Monterey Calif.

Aug 70, 104p.

NPS-57Ma70081A

AD-713 116

The roport presents a computer program for prediction of performarce of single-stage axial turbines of givea
goometry. The three-dimensional method developed by Vavra is applied, taking account of streamline curva-
tures and sloped, as well as enthalpy and entropy gradients in the solutions of the equation of motion, and
of boundary layor thicknesses in the continuity equation. A choice among five different loss correlation
mothods and two flow angles corrvelations is offered, Loss coefficlients and flow angles are automatically
calculated from blading geometry and actusl flow conditions for every streamline, according to the selected
correldtion method.

AEROTHERMODYNAMIC FACTORS GOVERNING THE RESPONSE RATE OF GAS 'TURBINES
MaclIsnac, B. D.; Saravanamuttoo, H, I. H.
Natl Res Counc Can Div Mech Eng Q Bull Rep DME/NAE N 3, 1974, p.23-25

COMPARISON OF ANALOG, DIGITAL AND WYBRID COMPUTING TECHNIQUES FOR SIMULATION OF GAS TURBINE PERFORMANCL.
MacIsaarc, B.D.; Saravanamuttoo, H, I. H.

Carleton Univ,, Ottawa, Ontario.

ASME Pap. 74-GT-127 for Mecet. Mar 30-Apr 4 1974, p.12

CALCULATING TURBINE BLADE OSCILLATIONS ON ANALOG COMPUTERS

Magomaev, L. D.

Foreign Technology Div. Wright-Patterson AFB, Ohlo

20 Feb 70, 15p.

FTD-HT~23-633-¢9

AD-704 013

The article states a method for calculating resonance frequencies, oscillation forms and tangential pres-
sures originating in a blade, with the aid of an analog computer based on mathematical simulation procedures.

THE UNIOQUBNESS OF TURBOMACHINERY PLOW CALCULATIONS
Marsh, H. :
Cambridge Univ., (Cngland). Dept. of Engineering. :
Feb 1971, 13p. refs.

CUED/A-Turbo/TR-24

N72-13264

When calculating the flow through turbomachines, it is assumed that on each cycle of iteration, there 1s only

one solution for the flow pattern. The uniqueness of the solution obtained by the method of streamline

curvature is examined and a set of Mach number conditions are derived which are sufficlent to ensure that the :
flow pattern is unique. The Mach number limitations arc the same as those which are necessary to avoid i
ambiguity in the matrix through-flow analysis. An alternative procedure is then described in which the i
solution for the flow pattern is always unigue. :

WALL BOUNDARY LAYERS IN TURBOMACHINES

Marsh, H.: Horlock, J. H.

Univ. of Durham, Engl.

J Mech Eng Sci V 14, N 6, Dec 1977, p.411-423

SECONDARY FLOW IN CASCADES: THE EFFECT OF AXIAL VELOCITY RATIO.
Marsh, H,

tniv, of Durham, Engl.

J Mech Eng Sci V 16, N 6, Dec 1974, p.402-407

XB- 70 FLIGHT TEST DATA COMPARISONS WITH SIMULATION PREDICTIONS OF INLET UNSTART AND BUZZ
Martin, A. W.; Beaulieu, W. D,

North Ame.ican Rockwell Corp., Los Angeles, Calif.

NASA Contract Rep., CR-1611, June 1970, p.28

HIGH PRESSURE STAGE OUTPUT OF MODERN TURBORBACTOR TURBINES
Martinat, P. .
Soclete Nutionale d'Etude et de Constructiin de Moteurs d'Aviation. Peris (France) )
1972, 27p. :
N73~316395 \
An analysis was made of the factors influencing high pressure efficiency of turtioreactor turbines. Data

cover energy degradation as a function of technology, environment, tlade cooling, and bl.de aercdynamics.

ol

A REVIEW OF CURRENT AND PROJECTED ASPECTS OF TURBINE ENGINE PERFORMANCE EVALUATION ‘
May, R. J. Jr.; Brownstein, B. J,; Przybylko, S, J.; McTasney, R. L.; Molisse, A, T, i
Air Force Aero Prcpulsion Lab,, Wright-Patterson, AFB, Ohio.

Feb 72, 117p. : :
AFAPL~TR-71~34 | b
AD-744 587

The report is a compilation of four separate papers which, in total, represent a suvrvey 3f several important

aspects of turbine engine performance analysis. The first paper describes a digital computer method which

has become a powerful tool for simulation of steady-state engine opevatjon., A discussion of inlet airflow

distortion is the topic of the secnnd papsr. 1t elaborates n a theory of rotating stall generation and a !
unique method which was cncountered for determining how this distortion propagatc: through the comprassion
components and produces surge. The "hird paper addresses the problams associated with the engine control
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system and the techniques for computer simulation of trunsient engine operation. A discussion of the per-
formance predictions of complex multimission aircraft weapon systems comprise the final section of this
technical report.

MULTIHOLE COOLING FILM BFFECTIVENESS AND HEAT TRANSFER.
Mayle, R, B.; Camarata, F. J.
ASME Pap, N 74-HT-9 for Meot. Jul 15-17, 1974, p.10

INLET DYNAMICS AND COMPRESSOR SURGE
Mays, R. A,
J Alrcraxt U S N 4, Apr 1971, p.219-226

ANALYSIS OF INLET FLOW DISTORTION AND TURBULENCE EFFECTS ON COMPRESSOR STABILITY,

Melick, H. C,

Ltv Aerospace Corp., Dallas, Tex. Vought Systems Div.

31 Mar 73, 225p.

NASA-CR-114577; TR-2-57110/3R-3071

N73-21693

The offect of steady state circumferential totsl pressure distortion on the loss in compressor stall pressure
ratio has been established by analyticul technlques. Full scale engine and compressor/fan component test
data were used to provide direct cvaluation of the analysis. Specificelly, since a circumferential total
pressure aistortion in an inlet system will result in unsteady flow in the coordinate system of the rotor
hlades, analysis of thls tyne distortion must be performed from an unsteady aerodynamic poiat of view, By
application of the fundamental aerothermodynamic luws to the inlet/compressor system, parameters important
in the design of such a system for compatible operation have been identified. A time constant, directly
related to the compressor rotor chord, was found to be significant, indicating compressor sensitivity to
circumforential distortion is dirsctly deprndent on the rotor chord.

COMPUTEK PROCRAM FOR THY PREDICTION OF DUCTED FAN PERFORMANCE
Mendenhall. M. R,; Spangler, 5. B,
NASA (CR-1495, Feb 1970,

BFFECT1VENESS AND HEAT TRANSFER WITH FULL-COVERAGE FILM COOLING.
Metzger, D. E.; Takeuchi, D. I.; Keunstler, P. A.
ASME Pap. N 73-GT-18 for Meet. Apr 8-12, 1973, p.s

BSTIMATION OF DEVIATION ANGLE FOR AXIAL~FLOW COMPRESSOR BLADE SECTIONS USING INVISCID-FLOW SOLUTIONS.
Miller, M. J.

National Acronautics and Space Administration. Lewls Research Center, Cleveland, Ohio.

Mar 1974, 43p. refs.

NASA-TN-D-7549; E-7453

N74-17698

Development of a method of estimating deviation angles by analytical procedures was begun, Solutions for
inviscid, irrotational flow in the vlade-to-blade plane were obtained with a finite-diffe:ance calculation
wethod. Deviation angles for a plane cascade with a rounded trailing edge were estimated by using th~
inviscid-flow solutions and three trailing-edge hypotheses. The estimated deviation angles were comparyd
with existing experimental data over a range of incidence angles at inlet flow angles of 30 deg and 60 deg.
The results indicate that deviation angles can b gstimated accurately (within 1 deg) by using one of the
three trailing-edge hypotheses, but only when pressure losses are low, A new trailing-edge hypotheses is
presented which is suitable (for the cascade considared) for both low- and high lcss operating points.

DEVIATION ANGLE ESTIMATION FOR AXIAL-FLOW COMPRESSORS USING INVISCTD FLOW SOLUTIONS.
Miller, M. J.; Serovy, G. K.
J Eng Power Trans ASME V 97, Ser A N 2 , Apr 1975, p.163-172

LAMINAR BOUNDARY LAYER ON A ROTATING THREE-DIMENSIONAL BLADE.
Miyake, Y.; Fujita, S,

Osuka Univ,, Jpn

J Fluid Mech V 65, Part 3, Sep 16, 1974, p.481-498

A STUDY OF LARGE SWALLOWING CAPACITY INWARD-FLOW RADIAL TURBINES.
Miyashita, T,; Sakakida, M.
IHI Eng Rev V7, N 2, May 1974, p.11-19

PREDICTION TECHNIQUES

Mokelke, H.

Motoren- Und Turbinen-Union, Munich, Ger.

AGARD Lect Ser N 72, 1974, for Meet., London, Engl., Nov 7-8 1474, Wright-Patterson AFB,Ohio, Nov 11«12
1974, and Nav Air Propul. Test Cent., Trenton, N.J., Nov 14-15 1974, Pap. §, p.32

PERPORMANCE OF A SINGLE-3TAGE AXTAL-FLOW TRANSONIC COMPRESSOR STAGE WITH A BLADE TLP SOLIDITY OF 1.7.
Moore, R. D.; Reid, L.

Nationdl Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Dec 1972, 113p. refs.

NASA-TM-X-2658; E-6730

N73-14983

The overall and blade-element performance of a transonic compressor stage is presentod over the stable
operating range at rotative speeds frdm 50 to 100 percent of design speed. Stage peak efficiency of 0.784
was oLtainad at a weight flow of 28.6 kilograms per second and a pressure ratio of 1,706. Stall margin at
design speed was 11.4 percent. The peak efficiency being significantly less than design efficicncy was
attributed to: (1) the stator loss and the radial gradient of losses being much higher than design,
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(2) the losses and blockages associated with the rotor part-span dampers not being incorporated into the
design, and (3) mismatch of the rotor and stator blade olements.

OFP-DESIGN-POINT PERFORMANCES OF MULTI-SPOOL TURBO FAN ENGINES

Morita, M.; Sekine, S.

National Aerospace Lab., Tokyo (Japan)

1973, 25p. refs.

NAL-TR-347

N74-30242

A method for vstimating the off design point performances of aircraft ongines is presented. The me:hod is
applicable to the performance calculation of various forms of airvcraft engines including singse and twin
spool turbojets and multl-spool turbofan engines, The staps to be followed in conducting the numerlcal

analysis are outlined. The calculated results were compared with the flight test results of several turbofan
engines with good correlation.

USE OF A POWERED MODEL FOR SUBSONIC NACELLE OPTIMIZATION
Motycka, D, L.; Disabato, V. J.; Andersen, L. Q.

Pratt § Whitney Alrcraft, East Hartford, Conn

ASME Pap. 72-GT-14 for Meet. Mar 26-30 1972, p.9

NONLINEAR ANALYSIS OF ROTATING STALL
Nagano, 8.; Takata, H.
Inst. Space Aeronaut Scl., Univ. Tokyo, Rep. 449, Apr 1970, p.119-197

CURVATURE EFFECTS ON A TURBINE BLADE COOLING FILM
Nicolas, J.; LeMeur, A.
ASME Pap. N 74-GT-156 for Mecet. Mar 30-Apr 4 1974, p.l6

EFFECTIVENESS OF PFILM COOLING WITH THRBE-DIMENSTONAL SLOT GEOMETRIES
Nina, M. N. R.; Whitelaw, J. H,

J Eng Power, Trans ASME V 93, Ser A N 4, Oct 1971, p.425-430

REAL-TIME SIMULATION OF JET ENGINES WITH A DIGITAL COMPUTER (1), FABRICATION AND CHARACTERISTICS OF THE SIMU-
LATOR '

Nishio, K.; Sugiyama, N.; Koshinuma, T.; Hashiroto, T.; Ohata, T.

Royal Aircraft Nstablishment Farnborcugh (England)

Dec 74, Slp.

RAE-Library Trans-1768 DRIC-BR-46783

AD=-ADOY 319

Today the designers of engine control systoms are required to provide the control systems of & newly-developed
engine which is workable at the first test run., However, this means that both the dynamic and static cha-
racteristics of the new engine should be known in the early stage of development when the characteristics of
each engine component are given. In such a case designers usually adopt a simulation technique. 1In this
paper are reported the fabrication and performances of a real-time jet engine simulation test results with
actual engrie test data for the 1ift jet engine JR-100H,

SIMULATION OF TRIPLE-SPOOL TURBOFAN ENGINE.

Norvaisis, E. K,

Air Force Aero Propulsion Lab., Wright-Patterson AFB, Ohio

Apr 74, 156p.

AFAPL-TR-74-13

AD-784 -771

This report describes a digital computer program entitled Trispl, trispl is a computer program that simulates
sieady-state design and off-design performance of triple-spool turbofan engines. The program has been
formulated for an engine type with two core spools and one fan spool but can easily be modified for ather
engine types (two fan spools and one core spool, for example), the program, written in Foxtran IV language,
uses performance maps (in Block Data format) of the major engine components. Information on setting up the
Block Data and input data is given ip the report. Also included is a completc program listing with a
description of each subroutine and sample results.

ACTUATOR DISK THEORY FOR INCOMPRESSIBLE HIGHLY ROTATING FLOWS.
Osvns, G, C.

Univ. of Wash., Seattle

J Baslc Eng,, Trans #SME V 94, Ser D N 3, Sep 1972, p.613-621

THROUGHFLOW THEORY FOR TURBOMACHINES

Oates, G. C.; Knight, C. J.

Washington Univ., Scattle. Aercanace Research Lab.

Jun 1973, 120p. refs,

AFAPL-TR-73-61

N74-11602

Throughfiow theory for flow in axial turbomachines is formulated in a way to allow consideration of the
effects of variable hub and tip ralii, the effects of free boundaries and the effects of compressibility.
A proce’uie is duv loped for the very capid calculation of incompressible flow through many blade rows in
an annuius of constant hub and tip radii. An analysis formulation including the effects of variation in
~all radii is also presentad. A variational prccedure for the numerical description of highly nonlinear
€low field is developed for the description of incompressible flows through many blade rows in ducts of
varying hub and tip radii. 7The associated computer program leads to rapid calculation of doslired oxamples.

T'nally, a computer program is given to culculate the effects of comprassibility on radial equilibrium
tlows,
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EXPERIMENTAL PERFORMANCE IN ANNULAR CASCADE OF VARIABLE TRAILING- EDGE FLAP, AXIAL - FLOW COMPRESSOR INLET
GUIDE VANES

Okiishi, T. H.; Junkhan, G. H.; Serovy, G, K,

ASME Pap. 70-GT-106 for Meeting May 24-28 1970, p.8

DIAGRAM OF OPERATIONAL CONDITIONS OF THE GI-100-750-2 LMZ GAS TURBINE PLANT
Ol'khovskii, G. G.; Ostrovskii. 5. A,

All-union Heat Bng. Inst., USSR

Teploenergotika N 6, Jun 1973, p.25-30

PRESSURE WAVES PROPAGATION THROUGH BLADINGS IM AXIAL FLOW COMPRESSORS

Pandolfi, M.; Zannetti, L.

Politecnico di Torino (Italy). 1lst, di Macchine e Motovi per Aeromobili

May 74, 32p.

PUBL-161

N75-31014

Results of numerical computations of unsteady flow in axial turbocompressors are presented. The flow
deflection by the blades and the axial propagation of pressure waves are considered in a model in which the
actual blading is replaced by an infinite number of similar blades with zero thickness. This blading is
in turn replaced by a field of forces chosen so as to zatisfy the condition of tangency of the flow to
the blades at oach point. The equatiosns of motion are detailed together with inlet and outlet boundary
conditions, and conditions at the leading and trailing edges of the blades,

OPTIMIZATION OF HEAVILY LOADED COMPRESSOR ELADES BASED ON BOUNDARY LAYER THEORY.
Papailiou, K.

Von XKarman Inst., for Fluid Dynamics. Rhoc Saint-genese (Belsium®.

Sep 69, 2.7p.

VKI-TN-55

N70-17474

PROGRAM FOR THE DESIGN OF AN AXIAL COMPRESSOR STAGE BASED ON THE RADIAL EQUILIBRIUM EQUATIONS.
Papaillou, K, D.

Naval Postgraduaie 3~huol Monterczy Calif.

1971, 63p.

NPS-579PY719091A

AD-733 437

A computer program is presonted to determine the turee-dimensional tlow conditions in an axial flow com-
pressor stage. Entropy and energy gradients are taken into account as well as the radial shift and the
curvatured of the axisymmetric stream surfaces. The program can be used at elevated Much numbers since
shock losses and compressibility effects are included. It reprasonts an oxtension of work dene for a
research program to investigate the tip clearance effects in a three-stage compressor,

INCIDENCE EFFECTS AND CORNER STALL SUPPRESSION ON ROTOR BLADES IN COMPRESSORS.
Peacock, R, E.: Overli, J.
Can Congr of Appl Mech., 4th, Proc., Pap., Ec Polytech., Montreal, Quebec. May 28-Jun 1 1973, p.701-702

VIBRATIONS AND STABILITY OF TURBINE BLADES AT STALL.

Pigott, R.; Abel, J. M,

Westinghousc Electric Corp., Philadelphia, Pa.

J Eng Power, Trans ASME V 96, Ser A N 3, Jul 1974, p 201-208

PRERICTION AND MEASUREMENT OF PROPULSION SYSTEM PERFORMANCE.
Postlowaite, J,; Salemann, V.,

Boeing Aerosp Co., Scattle, Wash.

J Eng Ind., Trans ASME V 96, Ser B N 3, Aug 1974, p.811-819

STUDY OF ZASING TREATMENT STALL MARGIN IMPROVEMENT PHENOMENA.
Prince, D. C. Jr.; Wisler, D. C.}; Hilvers, D, E.
ASME Pap, N 75-GT-60 for Meet. Mar 2-6 1975, p.12

COLD AIR STUDY OF THE EFFECT ON TURBINE STATOR BLADE AERODYNAMIC P:iRFORMANCE OF COOLANT EJECTION FROM
VARIOUS TRAILING-EDGE SLOT GEOMETRIES. 1: EXPERIMENTAL RESULTS

Prust, H. W.; Bartlett, W, M,

National Aeronautirs and Space Administration., Lewis Research Center. Cleveland, Chio,

Mar 1974, 29p. refs,

NASA-TM-X-3000; E-7743

N74-17699

Trailing-edge slot configurations were investigated in a two-dimensional cascade of turbine stator blades.
The trajling-edge slots were incorporated into blades with round trailing edges. The five blade confi-
gurations Investigated included blades with two different trailing-edge thicknesses and four different slot
widths. The results of the investigation showed that thsere was, in geneval, a significant increase in pri-
mary-air efficiency due to the coolant flow, the incranse varying with slot configuration. For the five
configurations tested, the average percent change in primary-sir efficiency por percent coolant flow varied
almost linearly from zero to about 1.4 percent over a range of coolant-to primary-air exit-velocity ratios
between 0 and 1.2, tHowever, for different conflgurations there was considerable deviation from the average
values in the lower range of cxit velocity ratios.
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A COMPUTER SIMULATION OF THE TRANSIENT BEHAVIOR OF THE COMPRESSOR RESEARCH FACILITY INLET SYSTEM

Przybylko, 8. J.

Air Force Aero Propulsion Lab Wright-Patterson AFB, Ohio

Jul 75, 138p.

AFAPL-TR-75-5

AD-A01S 046

This report describes a digital computer simulation of thu dynamics of the inlet and its control for a com-
pressor research facility., The simulation uses lumped parameters and the Tustin mwethod for the dynamic terms.
The report discusses the convergency techniqua used for iteration and a Bode analysis performed to determine
the gains for the proportional plus integral control used to position the inlet valves.

DBECAY OF HIGHLY SKEWED FLOWS IN DUCTS.

Quinn, B,

Aexosp Res Lab., Wright-Patterson, AFB, Ohio

J Eng Power Trans ASME V97, Ser A N 1, Jan 1975, p,85-92

ERFECTIVENBESS OF THRER-DIMENSIONAL FILM-COOLING SLOTS ~ 1. MEASUREMENTS,
Rastogi, A. K.; Whitelaw, J. H.
Int J Hoat Mass Transfer V 16, N 9, Sep 1973, p.1665-1631

EXPERIMENTAL EVALUATION OF THE EPFECTS OF A BLUNT LEADING EDGE ON THE PBRFORMAMC'Z OR A TRANSONIC ROTOR.
Reid, L.; Urasek, D. C.
ASME Pap, N 73.GT-60 for Meet. Apr 8-12 1973, p.6

EFFECTS OF INCREASED LEADING-EDGE THICKNESS ON PERFORMANCE OF A TRANSONIC ROTGR BLADE

Reid, L.; Urasek, D. C. '

National Aerchautics and Space Administration. Lewis Research Ceater, Cleveland, Chio

Nov 1872, 57p. refs.

NASA-TN-D-7489; E-7076

N74-10025

A single-stage transonic compressor was tested with two rotor blade leading-edge configuration: to investigate
the effect of increased leading-edge thickness on the performance of a transonic blade row. Tae original
rotor blade configuration was modified by cutting back the leading edge sufficiently to double the blade
leading-edge thickness and thus the blade gap blockage in the tip region. At design speed this modification
resulted in a decrease in rotor overall peak efficiency of four points. The major portion of this decrement
in rotor overall peak efficiency was attributed to the flow comditions in the outer 30 percert of the

blade span. At 70 and 90 percent of design speed, the modification had very little effuct on rotor overall
performance.

EFFECT OF REYNOLDS NUMBER AND LAMINAR SEPARATION ON AXIAL CASCADE PERFORMANCE.
Roberts, W. B,

Westinghouse Electric Corp., Sunnyvale, Calif.

ASME Pap, N 74-GT-68 for Meet., Mar 31-Apr 4 1974, p.13

DESIGN AND TEST OF A SMALL TWO-STAGE HIGH PRESSURE RATIO CENTRIFUGAL COMPRESSOR
Rodgers, C.; Langworthy, R. A,
ASME Pap. N 74-GT-137 for Meet. Mar 30-Apr 4 1974, p.13

PERFORMANCE OF A HIGHLY LOADED TWO STAGE AXIAL-FLOW FAN

Ruggeri, R. S,; Benser, W, A.

National Aaronautics and Space Administration. Lewis Resesrch Center, Cleveland, Ohio

Aug 1974, 200p. refs.

NASA-TM-X-3076; E-7851

N74-31418

A two-stage axlal-flow fan with a tip speed of 1450 ft/sec (442 m/sec) : .. an overall pressure ratio of

2.8 was designed, built, and tested. At design speed and pressure ratio, the measured flow matched the design
value of 184.2 lbw/soc (83.55kg/sec). The adiabatic efficiency at the design operating point was 85.7 per-
cent. The stall margin al design speed was 10 percent. A first-bending-mode flutter of the second-stage
rotor blades was encountered near stall at speeds batween 77 and 93 percent of design, and also at high
pressure ratios at speeds above 105 percent of design. A 5 deg closed reset of the first-stage stator
eliminated second-stage flutter for all but a narrow speed range near 90 percent of design.

ANALYSIS OF TURBOFAN ENGINE PERFORMANCE DETERIORATION AND PROPOSED FOLLOW-ON TESTS
Sallee, G. P,; Kruckenberg, H. D.; Toomey, E. H.

American Airlines, Inc., New York

1975, 130p.

NASA-CR-134769

N75-27009
Data and engine parts on in-service JTZD and JT8D engines were analyzed and documented relative to engine

deterioration, It is concluded that the fan-corpressor system of these enginec contributes to the long
term engine deterioration. An engine test and instrumentation plan was formulated for a proposed follow-on
program, The goal of this program is to verify the above conclusion and to attempt to identify more
precisely which components of the fan-compressor system are at fault,

CALCULATION OF THE PLOW THROUGH SUPERCRITICAL TURBINE CASCADES, WITH A VIEW TO DESIGNING BLADES WITH REDUCED
SHOCK STRENGTH

Sampson, R. G,

Von Karman Inst. for Fluid Dynamics, Rhode Saint-Genese (Belgium)

Mar 1970, 8Jp. refs.

VK1 -TN.57

M71-35410
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A computer program has been produced which calculates the transonic and supexsonic flow regions in a super-
critical turbino cascade with a well defined throat. The computer results have been used to demenstvate
the erfects an expansion on the pressure surface, and a recompression on the suction surface, havo on the
performance of an existing design,

MATHEMATICAL MODELLING OF GAS TURBINE SUPERCHARGING IN MULTICYLINDER FOUR-CYCLE ENGINES

Samsonov, L. A,

Army Foreign Science and Technology Center, Washington, D.C,

9 Feb 70, 15p,

FSTC-HT-23-358-70

AV-713 873

The principle features are presented of a method of mathematical modelling of the operation of a superchar-
ging systom for multicylinder four-cycle engines developed; a comparison is presented of the results of
modeliing of the operation of the supercharger for engine 40hnl5,5/20.5 using the "Ural-2" computer with
exporimental data, Examples are presentod of the investigation of the influence of design of the system on
its parameters.

SIMULATION OF GAS TURBINE DYNAMIC PERFORMANCE
Saravanamuttoo, H. I. H,; Fawke, A, J.

Univ., of Bristol. Englund.

ASME Pap. 70-GT-23 for Meet. May 24-28 1970, p.8

USE OF A HYBRID COMPUTER IN THE OPTIMIZATION OF GAS TURBINE CONTROL PARAMETERS.
Saravanamuttoo, H. I, H.; Maclsaac, B, D.

Carleton iniv., Ottawa, Ontario.

ASME Pap, N 73-GT«13 for Meet, Apr 8-12 1973, p.8

ROTOR DESIGN TO ATTENUATE FLOW DISTORTION - 1.

Savell, C. T.; Wells, W, R,

GE, Evendale, Ohio

J Eng Power Trans ASHH V 97, Sexr A N 1, Jan 1975, p.11-20

ROTOR DESIGN TO ATTENUATE FLOW DISTORTION - 2, AN UNSTEADY THIN AIRFOIL CASCADE ANALYSIS,
Savell, C. T.; Wells, W. R,

GE, Schenectady, NY .

J Eng Power Trans ASME V 97, Ser A N 1, Jan 1975, p.37-46

HYBRID SIMULATION OF A SINGLE-SHAFT GAS TURBINE WATER PUMP DRIVE.
Schatborn, I, W.

Werkspoor-Amsterdam, Neth.

ASME Paper N 73-GT-72 for Meet. Apr B-12 1973, p.16

GENERALYZED DYNAMIC ENGINE SIMULATION TECHNIQUES FOR THE DIGITAL COMPUTER.

Sellers, J.; Teren, F,

National Aeronsutics and Space Administration. Lewis Research Center. Cleveland, Ohio

1974, 25p.

NASA~TM-X-71552; E-7968

N74-27294

Recently advanced simulation techniques have been developed for the digital computer and used as the basis
for development of a generalized dynamic engine simulation computer program called Dyngen, this cumputer
program can analyze the steady state and dynamic performance of many kinds of aireraft gas turbire engines.
Without changes to the basic program Dyngen can analyze one- or two-spool turbofan engines. Thr user must
supply appropriate component performance maps and design-point information. Examples are presented to
illustrate the capabilities of Dyngen in the steady state and dynamic modes of operation. The analytical
techniques used in Dyngen are briefly discussed, and its accurscy is compared with a comparab ¢ simulati.n
using the hybrid computer. The impact of Dyngen and similar all-digital programs on future .agine simu'ation
philosophy is also discussed.

DYNGEN: A PROGRAM FOR CALCULATING STEADY-STATE AND TRANSIENT PERFORMANCF OF TURBOJET AND TURBOFAN ENGINES
Sellers, J. F.; Daniele, C. J.

National Aeronautics and Space Administration. Lewis Research Center, Cloveland, Ohlo

Apr 1975, 202p. refs.

NASA-TN-D-7901; E-~B8111

N75-25620

The DYNGEN, a digital computer program for analyzing the steady state and transient performance of turbojet
and turbofan engines, is described. The DYNGEN ie based on earlier computer codes (SMOTE, GENENG, and GENENG
2) which are capable of calculating the steady state performance of turbojet and turbofan engines at design
and off-design operating conditions. The DYNGEN has the combined capabilities of GENENG and GENENG 2 for
calculating steady state performance; to these the further capability for calculating transient performance
was added. The DYNGEN can be used to analyze one- and two-spool turbojet engines or two- and three-spool
turbofan engines without modification to the basic program. A modified Buler method is used by DYNGEN to
solve the differential equitions which model the dynamics of the engine. This new method frees the program-
mer from having to minimize the number of equations which require iterative solution. As a result, s.me of
the approximations normally used in transient engine simulations can be eliminated. This tends to produce
better agreement when answers are compared with those from purely steady state simulations. The modified
Euler method alsc permits the user to specify large time steps (rbout 0.10 sec) to be used in the solution
of the differential equations. This saves computer execution tinse when long transients are run. Examples
of the use of the program are included, and program results are compared with those from an existing hybrid-
computar simulation of a two-spool turbofan.
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UTILIZATION OF CASCADE DATA IN AXIAL - PLOW COMPRESSOR DESIGN AND ANALYSIS - A CRITICAL REVIEW
Serovy, G. K.
ASME Pap. 70-GT- 10& for Meeting May 24-28 1970, p. 12

PREDICTION OF QVERALL AND BLADE-ELEMENT PERFORMANCE FOR AXIAL-FLOW PUMP CONFIGURATIONS.

Serovy, G. K.; Kavanagh, P.; Okiishi, T. H.; Miller, M. J.

Iowa State Univ., of Science and Technology, Ames

Aug 73, 248p.

NASA-CR-2301; ISU-ERI-Ames-72322

N73-32189

A mothod and a digital computer program for prediction of the distributions of fluid velocity and properties
in axial flow pump configurations are described and evaluated. The method uses the blade-element flow model
and an iterative numerical solution of the radial equilibrium and continuity conditions. Correlated expe-
rimental results are used to generate alternative methods for estimating blade-element turning and loss
characteristics. Detailed descriptions of the computer program are included, with example input and typical
computed results,

DESIGN OF COMPRESSORS. AERODYNAMIC CALCULATIONS

Sherstyuk, A. N.

Foreign Technology Div Wright-Patterson AFB, Ohio

26 May 71; 331p

FTD-HC-23-781-70

AD-727 191

The book sets forth the foundations of the theory and design of axial compressors. Particular attention is
devoted to comprossors of statlonary installations. The book is intended for engireers who design axial
COmPYesSOYS . In addition, the book can be used by students in higher technical training institutions.

PROBLEM OF THE OPTIMIZATION OF THE GEOMETRIC PARAMETERS OF A TURBINE STAGE DURING THR TWI,TING OF THE PIXED
AND MOVING BLADES

Shkvar, A. Ya.

Foreign Technology Div. Wright-Patterson AFB, Ohio

2 Apr 74, 15p.

FTD-HT-23-566-74

AD-778 521

The perfecting of the flow part of contemporasry turbine stages is provided mainly by two methods: the use
of vane cascades with great aerodynamic characteristics, and mutual agreement of the geometric parameters of
the cascade~ in order to guarantee optimum efficiency of modes for their joint operation. Especislly signi-
ficant is the importince of the latter factor in stages with rolatively long blades where for an increase in
the efficiency of a stage different forms of twists of fixed and moving blades are used.

FLOW INTO A TRANSONIC COMPRESSOR ROTOR

Shreeve, R, P.

Naval Postgraduate Scheol Monterey Calif

Aug 74, 33p.

NPS-.57P74081

AD-AC11l 496

An analytical representation is given for the axisymmetric 2-dimensional flow fleld at the face of a transonic
rotur. Streamlines computed for irrotational inviscid flow are closely approximated using a curve-fitting
technique, which is described, and boundary layer blockage is then introduced. With the inlet flow so
represented, the conditions relative to the rotor blading of the TRANSX compressor are calculated as a
function of the radius and graphed as a function of flow rate and rotor speed. The purpose of this report
is to both document calculations carried out for the TRANSX compressor and to record useful analytical tech-
niques and short programs developed.

RESEARCH UN THE FLUTTER OF AXIAL-TURBOMACHINE BLADING

Sisto, F.; Perumal, P, V. K.

Stevens Inst of Tech Hoboken N J Dept of Mechanical Engineering

2 May 73, 39p.

ME-RT-73003

AD-760 354

An analytical method for predicting the perturbed aerodynamic reactions of a narmonically oscillating flat
plate airfnil with time dependent point of separation is presented. It is shown that this method in conjunc~
tion with an empirical knowledge of the time history of the separation point can predict stall flutter.
Numerical results are pr~sented and compared wWwith existing theoretical and experimental results.

RESEARCH ON THE FLUTTER OF AXIAL-TURBOMACHINE BLADING
Sisto, F.; Ho Ni, R.

Stevens Inst of Tech Hoboken N J Dept. of Mechanical Engineering

May 74, 3lp.

ME-KT=-740008

AD-780 467

The 'time marching' technique is successfully applied to the numerical computation of the nonstationary aero-
dynamics of a flat plate cascade for compressible flow of either subsonic or supersonic nature. The unsteady
perturbation amlitudes of fluid properties are used as the dependent variables so that the computational
domain can be reduced to a two-dimensional channel guided by two adjacent blades for any inier-blade phuse
angle. A new method of handling the boundary condition is developed with which the order of accuracy for

the boundary points will be the same as for the interior points. The wake region behind the trailing edge

of each blade in cascade is treated as a 'slip plane' as in two dimenslionai steady state supersonic flow.
Results are in good agreement with existing sclutions.
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USE OF ANALYTIC SURFACES FOR THE DESIGN OF CENTRIFUGAL IMPELLERS BY COMPUTER GRAPHICS
! Smith, D, J. L.} Merryweather, H.
Natl Gas Turbine Establ., Hants, Engl.
Int J Numer Methods Eng Vv 7, N 2, 1973, p.137-154

: A STAGE-STACKING SIMULATION OF AXIAL FLOW COMPRESSORS WITH VARIABLE GEOMETRY

. Southwick, R. D.
Aeronautical Systems Div Wright-Patterson AFB, Ohio
Oct 74, 93p,
ASD-TR-74-38
AD-A006 407

i Since most high performance axial flow compressors in development today have variable geomotry, it is highly

desirable to have the capability to evaluate various stator schedules as to their effect on compressor par-
formance using computer simulation, The computer program covered in this report uses the 'stage-stacking'
method of analyzing compressor performance and uses input derived from test data in lieu of detailed design
information, It can accommodate compressoxrs with up to 15 stages, 10 of which can have variable stators, 'In
addition to providing individual =tage performance and overall compressor performance in a printout format,
the progrsm also contains a plotting routine for displaying the overall compressor map in graphical form.
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f X LIFE PREDICYION OF TURBINE COMPONENTS ON-GOING STUDIES AT THE NASA LEWIS RESEARCH CENTER
) . Spera, D. A.; Grisaffe; 5. J.

i H National Aeronautics and Space Administration, Lewis Research Center

: Jan 73, 71p.

NASA-TM-X-2664; E-7158

N73-15925
. ! . An overview is presented of the many studies at NASA-Lewis that form the turbine component life prediction
} ! program. This program has three phases: (1) development of life prediction methods for major failure modes

through materials studies. (2) evaluation and improvement of these methods through a variety of burner rig
studies on simulated components in reser.rch engines and advanced rigs. These three phases form a cooperative,
interdisciplinary program. A bibliography of Lewis publications on fatigue, oxidation and coatings, and
turbine eagine alloys is included. :

g

INCIDENCE LOSS FOR A CORE TURBINE ROTOR BLADE IN A TWO-DIMENSIONAL CASCADE

Stabe, R, G.; Kline, J. F.

National Aeronautics and Space Administration, Lewis Research Center, Cleveland, Ohio,
Apr 74, 12p.

NASA-~TM-X-3047; B-7835

N74-21397 : !
The effect of incidence angle on the aerodynamic performance of an uncooled core turbine rotor blade was

TR |

f investigated experimentally in a two-dimensional cascade. The cascade test covered a range of incidence
s angles from minus 15 deg to 15 deg in S5-degree increments and a range of pressure ratios corresponding to
% ) ideal exit critical velocity ratios of 0.6 to 0.95. The principal measurements were blade-surface static
4 X pressures and cross-channel surveys of exit total pressure, static pressure, and flow angle. The results
;. of the investigation include blade-surface velocity distribution and overall performance in terms of weight
= . flow and loss for the range of incidence angles and exit velocity ratios investigated. The measured losses
B are 8150 compared with two common methods of predicting incidence loss,
e
"I RESEARCH TRENDS IN TURBINE AERODYNAMICS
3 Stewart, W, L.; Glassman, A. J. .
B National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio E
. 1972, 7p. ;o
L NASA=TM-X-68016; LE-6814 i3
: N72-18782

Recent trends in turbine aerodynamics are cummarized. Areas discussed include cooled turbine aerodynamics,
high work factor turbines, pneumatic variable geometry, and computer analysis.

THE EFFECTS OF UNIFORM PROFILE CHANGES ON THL DEGREE OF EFFICIENCY, THE INCLINE, AND THE MASS FLOW IN MULTIPLE
STEP AXIAL TURBINES.
Stobbe, H, R
i Technische Hochschule Hannover (West Germany)
: 1969, 219p
N70- 39449

TWO-DIMENSIONAL METHOD FOR CALCULATING SEPARATED FLOW IN A CENTRIFUGAL IMPELLER !
Sturge, D. P.; Cumpsty, N. A. g
Univ of Cambridge, Engl

ASME Pap N 75-FE-6 for Meet. May 5-7 1975, p.9

AERODYNAMIC EFFECTS OF TIP CLEARANCE IN A LIFTING LINE IN A NON-UNIFORM FLOW.
Sugiyama, Y.
Max-Planck-Institut fuer Stroemungsforschung. Goottingen (West Germany)
Apr 73, 36p.
Rept-4/1973
N73-28738
The aerodynamic performance of a lightly loaded lifting line which lies in a nonuniform flow of a perfect
fluid through a channel and which is interferod upon by chunnel walls near tips of the line, were calculated.
The induced velocity potential due to the lifting line or the channel walls were calculated. By applying the
relation in the lifting line theory, which implies that the effective anglc of attack of a blade is equal to

' the sum of the geometrical angle and the downwash angle, the 1ift of the lifting line was connected with
induced velocities obtained from the velocity potentials. Expressions were derived, from which the 1ift and
the induced drag acting on the 1ifting line can be calculated. The effects of tip clearances or the nonunifor-
mity of tho flow on the acrodynamic performances of the lifting line are demonstrated numerically.
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SURGE LIMIT ON MULTI-STAGE AXIAL COMPRESSORS
Suter, P.; Spati, H.
Turbeforum N 2, Jul 1972, 83-93p.

RESEARCH TURBINE FOR HIGH-TEMPERATURE CORE ENGINE APPLICATION. 2; EFFECT OF ROTOR TIP CLEARANCE ON OVERALL
PERFORMANCE

Szanca, E. M.; Behning, F. P.; Schum, H. J.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio

Apr 1974, 30p.

N74-19644

NASA-TN-D-7639; E-7728

A 25.4-cm (10-~in) tip diameter turbine was tested to determine the effect of rotor radial tip clearance on
turbine overall performance. The test turbine was a half-scalc model of a 50.8-cm (20-in.-) diameter
research turbine designed for high-temperature core engine application, The test turbine was fabiicated with
solid vanes and blades with no provision for cooling air and tested at much reduced inlet conditions. The
tosts were run at deslgn speed over a range of pressure ratios for three different rotor clearances ranging
from 2.3 to 6.7 percent of the annular blade passage height. The results obtained are compared to the
results obtained with three other turbines of varying amounts of reaction,

REAL-TIME SIMULATION OF F100-PW-100 TURBOFAN ENGINE USING THE HYBRID COMPUTER

Szuch, J. R.; Seldner, K.

National Aeronautics and Spacc Administration., Lewis Research Center, Cleveland, Ohio

Aug 1975, 80p.

NASA-TM-X-3261; E-8136

N75-28068

A real-time hybrid computer simulation of the F100-PW-100 augmented turbofan is presented. The digital por-
tion of the hybrid computer is used to perform the bivariate function generation associated with modelling
the performance of the engine's rotating components. The renaining calculations are performed on the
analog computer. Steady state simulation data along with sea level, static, transient data are presented
to show that the real-time simulation matches baseline digital simulation results over a wide range of
power settings and flight conditions. Steady state simulation data are compared with sea level, experimental
data to show that the real-time hybrid and baseline digital simulations do adequately predict the perfor-
mance of the actual engine. FORTRAN listings and analog patching diagrams are provided.

SIMULATION OF ENVIRONMENTAL SOLID-PARTICLES TRAJECTORIES AND VELOCITIES THROUGH AN AXIAL FLOW COMPRESSOR
STAGE, AND THE PRESSURE DISTRIBUTION ON BLADES.

Tabakoff, W.; Hamed, A.; Hussein, M. E,

Cincinnati Univ Ohlo

1971, 32p.

AD-725 596

An experimental investigation is reported of the trajectoriezs and velocities of solid particles suspended in
a fluid passing through an axial flow compressor stage. Such investigation is of importance to the study
of erosion damage sustained by the blade. Two test facilities were used for this study: a subsonic cascade
wind tunnel for compressible flow and a water table for incompre.sible flow. From the test technique it
would appear that the present existing theoretical analysis for particle trajectories through a compressor
stage is questionable. The wind tunnel test simulation is preferred for prediction particle trajectories.

AN ANALYTICAL STUDY OF FLOW LOSSES THROUGH A TWO-DIMENSIONAL TURBINE CASCADE WITH BOUNDARY LAYER IMJECTION.
Tabakoff, W.; Earley, R.

Cincinnati Univ Ohio Dept of Aerospace Engineering

Apr 72, 52p.

72-26

AD-744 535

A method for determining the performance of a two-dimensional turbine cascade with boundary layer injection
is doveloped using existing incompressible boundary layer approximate solutions with a new formulation for
the injection. The overall cascade loss includes friction and wake mixing losses. The results of the
analysis are compared with experimentally obtained data as a check of the validity of the new analytical
method.

NONLINEAR ANALYSIS OF ROTATING STALL
Takata, H.; Nagano, S.
J Eng Power, Trans ASME V 94, Ser A N 4, Oct 1972, p.279-293

STUDY ON THE MECHANISM OF STALL MARGIN IMPROVEMENT OF CASING TREATMENT
Takata, H.; Tsukuda, Y.
ASME Pap, N 75-0T-13 for Meet. Mar 2-6 1975, p.l6

ON THE PARTIAL FLOW RATE PERFORMANCE OF AXIAL-FLOW COMPRESSOR AND ROTATING STALL - 1. INFLUENCES OF HUB-TIP
RATIO AND STATORS

Tanaka, S,; Murata, S.

Bull JSME V 18, N 117, Mar 1975, p.256-263

ON THE PARTIAL FLOW RATE PERFORMANCE OF AXIAL-FLOW COMPRESSOR AND ROTATING STALL - 2. INFLUENCES OF IMPELLER
LOAD AND A STUDY OF THE MECHANISM OF UNSTABLE PERFORMANCES.

Tanaka, S$.; Murata, S.

Bull JSME V18, N 117, Mar 1975, p.264-271
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- IMPROVED METHOD OF AND APPARATUS FOR PREVENTING COMPRESSOR STALL IN A GAS TURBINE ENGINE
A . Thomson, F.C.
Department of the Navy Washington D.C.
13 Aug 74, 11p.
PAT-APPL-497 017
. The patunt application relates to a method of, and apparatus fox, detecting air distortion at the inlet of
; a gas turbine engine and adjusting fuel flow to antlclpate and prevent compressor stall, A plurality of
N prassure taps are arranged in a spaced relation around the periphery of the enyine inlet. A distortion !
detector senses the differential pressure betweer the instantaneous pressure at each pressure tap and the -
7 ambient pressure of a reference pressure chamber which communicates with the plurality of pressure taps.
\ : At a predetermined pressure differential the distortion detector activates a solenoid operated fuel bypass
velve which reduces fuel flow to the fuel nozzles of the gas turbine engine.

o el I E e T

PREDICTION OF FLOW QUTLET ANGLE IN BLADE ROWS WITH CONICAL STREAM SURFACES -
Traupel, W. -
; i Swiss Federal Inst of Tech., Zurich, Switz O

ASME Paper N 73-GT-32 for Meet. Apr 8-12 1973, p.8 .

DYNAMIC STABILITY OF WING-MOUNTED ENGINE INSTALLATIONS FOR TURBOPROP-POWERED AIRCRAFT f =
b . Trne, D, J.; Alderson, R. G.; Harvey, J. W.; Mason, D. R, ! 3
i : Airesearch Manuf Co of Ariz, Phoenix

R J Eng Power Trans ASME V 97, Ser A N 2, Apr 1975, p.275-282

INFLUENCE OF TRANSIENT CONDITIONS ON OVERALL SERVICE LIFE OF TURBINE BLADES

Tretyachenko, G. N.

Techtran Corp., Glen Burnie, Md.

Sep 73, 8p.

NASA-TT-F-15113

N73-31700

It is shown that in spite of their relatively short duration, transient modes of operation of the type
occurring during takeoff, landing, and engine tests have a tremendosus effect on the service life of turbine
blades, In view of this, it is suggested to carry out accelerated tests by determining the time to
failure at steady modes of operation on the basis of data obtained with cylindri~al samples, and at tran-
sient modes of operation, on the basis of tests performed with actual blades under simulated conditions.

T T ST e

GAS~-DYNAMIC VERIFICATION CALCULATION OF AXIAL-FLOW MULTISTAGE COMPRESSORS ON EDC
1 Tunakov, A, P.; Ibragimov, S8. G. :
o ‘ Foreign Technology Div Wright-Patterson AFB, Ohio =
1 Nov 72, 21p. S o=
FTD-MT-24-1501-72 _
AD-753 519 . 2.
An algorithm for testing the gas dynamic design of axial-flow compressors, particularly in the final 2
adjustment phase, is proposed. Particularly well sulted for calculating the parameters of blade rings, -
the procedure is sultable for use in the design phase if data on the loss coefficients in empirical for-
mulas have been established. L

o S

THE EFFECT OF TECHNOLOGICAL TOLERANCES ON GAS TURBINE PARAMETERS T
Tunakov, A. E.; Rzhavin, Yu, A, I -
Forcign Technology Div Wright-Patterson AFB, Ohio
27 Nov 74, 16p.

FTD-HC~23-1487-74

AD/A004 349 ¥
A mathematical model of a turbine stage ccll is devised such that for any operational condition all the L5
basic parameters of the turbine can be determined. Solution to the problem was carried out with the o
usually employed assumptions of turbomachine theory.

EXPERIMENTAL STUDY OF AN INTERNAL AIR-COOLED GAS TURBINE BLADE

Tyryshkin, V. G.; Gruntfest, M, I.; Mikhailova, V. A.

Foreign Technology Div Wright-Patterson AFB, Ohio

26 Jun 75, 18p.

FTD-ID(RS)I-1479-75

AD-AQ14 523

. Aviation gas turbines are making more use of blades internally cooled by air takenh from the cycle. Such
blades reduce temperatures ahead of the turbine, increasing specific power and decreasing fuel flow, but
involve energy losses and decrease of efficiency. A study is reported of one construction of a moving blade
cooled by forced convection, in which the cooling air escapes from the blade into the interior of the turbine.

PERFORMANCE OF TRANSONIC FAN STAGE WITH WEIGHT FLOW PER UNIT ANNULUS AREA OF 208 KILOGRAMS PER SECOND PER
SQUARE METER (42.6 (LB/SEC)/SQ FT)

Urasek, D. C.; Kovich, G.; Moore, R. D.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio

Nov 1973, 98p.

NASA-TM-X~2903; E-7229 |

N74-10022
Performance was obtained for a 50-¢m-diameter Lompressor des!gned for a high weight flow per unit annulus :
area of 208 (kg/sec)/sq m. Peak efficiency values of 0.83 and 0.79 werc obtained for the rotor and stage, ;

respectively. The stall margin for tho stage was 23 percont, based on equivalent weight filow and total-
pressure ratio at peak efficiency and stall,

Vanco, M. R.

i
FORTRAN PROGRAM FGR CALCULATING VELOCTTIES IN THE MERIDIONAL PLANE OF A TURBOMACHINE 1 CENTRIFUGAIL COMPRESSOR ; L2
|




N B-26

PSR |

National Aeronautics und Space Administration. Lewis Research Center. Cloveland, Ohia

Mar 72, $7p. 4
NASA-TN-D-6701; E-6592 E
: N72-17988 B
The program will determine the velocities in the meridional plane of a backward-swept impeller, a radial
! impeller, and a vaned diffuser. The velocity gradient equation with the assumption of a hub-to-shroud mean i
v stream surface is solved along arbitrary quasi-orthogonals in the meridional plane. These quasi-orthogonuls i
j are fixed straight lines. S
. APPROXIMATION OF THE BLADE SURFACE AND BOUNDARY SURFACES BY A TRIGONOMETRIC POLYNOMIAL
. Vavilov, G. A.; Garifov, R. K.; Korabel'nlkov, V. Z.; Tarasov, V. M.
' Energomashinostroenie N 12, Dec 1974, p.l12.14 .
i g
! CALCULATING METHOD FOR MULTI-STAGE: AXIAL COMPRESSORS WITH IMPLUSE BLADINGS AND CONSTANT TIP DIAMETER ‘
H Vavra, M. H. '
% Naval Postgraduate School Monterey Calif, ' :
: Mar 74, 73p, .
. NPS-57VA74031
. AD-778 808
( The report pives an approximate calculating method for the design point performance of multi-stage axial com-
: pressors with impulse-type bladings and constant tip diameters, Computing programs for Monroe-1180 program-
mible calculators are presented to establish the compressor performance and the blading parameters for arbi-
trary conditions with minimum effort. The report was prepared to permit evaluations of the applicability of
such compressors in advanced propulsion units for air-superiority aircraft, or in light-weight 1ift engines
for military VTOL aircraft.
PROCEEDINGS OF THE WORKSIHOP ON FLOW IN TURBOMACHINES !
Vavra, M. !l,; Papailiou, K. D.; Woods, J. R, Jr.
Naval Postgraduate School Montevey Calif
16 Nov 71, 439p.
NPS-S7VA7L111A
AD-735 021 .
Contents: Non-steady phonomena in transonic and supersonic flows and possible methods of solution; Some ;
recent developments in the numerical analysis and simulation of fluid turbulence; A review of the history ;
of boundary layer calculation methods and the present state of the art; New measuring and flow-visualization '
techniques; Applicability of cascade test data to design methods; Radial equilibrium across a normal shock .
in an axial rotor; Three-dimensional, inviscid flow amalysis in turbomachinery; Application of results of .
research to engine design problems; Loss evaluation methods in axiasl-flow compressors; The turbulence struc-
tural hypothesis and loss coefficient predictions; Loss correlations and off-design performance predictions;
Flutter; Noise; Stall and surge; and turbine blade cooling.
. ! PREDICTION OF BOUNDARY LAYER DEVELOPMENT ON AXIAL-FLOW TURBOMACHINE BLADES
| R Walker, G. J. '
! Instn of Engrs., Australia-3rd Australiasian Conference on Hydraulics & Fluid Mechanics~Proc, Nov 25-29 1968 :
! Paper 259, p.6
MATCHING OF HIGH-OUTPUT TURBOCHARGED ENGINES FOR MAXIMUM TORQUE BACKUP AND EMISSION REDUCTION BASED ON THE
USE OF VARIABLE CEOMETRY COMPRESSORS AND TURBINES ) 4
Wallace, F. J.; Sivakuraman, K. . 3
SAE Prepr N 740738 for Meet. Scp 9-12 1974, p.l18
CALCULATED PERFORMANCE MAP OF A 4 1/2-STAGE 15.0 CENTIMETER (5.9 INCH) MEAN DIAMETER TURBINE DESIGNED FOR A k|
TURBOFAN SIMULATOR. : 3
Wasserbauer, C. A, E
Cincinnati Univ., Ohio 2
Jun 73, l4p. .
NASA-TM-X-2822; E-7403 :
N73-25822 3
, The overall performance of an existing high-ratio turbine is calculated analytically over a range of speed ;
and pressure ratio in order to determine its capability for other applications. The analytical performance _;
4 . covers a speed range from 50 to 120 percent of design and & pressure-zatio range from 5.0 to 35.0. The turbine .
P ¢ was designed for a 50.8 centimeter (20.0 in.) tip diameter turbofan results are compared with the cxperimental -
] ) turbine data obtained from testing three fan configurations with the turbofan simuliator in air. The com-
) parison indicates good agreement over the range of speeds and pressure ratios covered by the experimental
data, :
{
FORTRAN PROGRAM FOR PREDICTING OFF-DESIGN PERFORMANCE OF RADIAL-INFLOW TURBINES )
Wasscrbauer, C. A,; Glassman, A. J.
3 National Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio i
Sep 75, 55p :
NASA-TN-D-8063; E-8368 i
: N75-32118 |2
- The FORTRAN IV program uses a one-dimensional solution of flow conditions through the turbine along the mean ; 5
3 stvecamline. The program inputs nceded are the design-point requirements and turbine geometry. The output b

: includes performance and velocity-diagram paramcters over u range of speed and pressurc ratio. Computed per- ;
] ' formance is compared with the experimental data from two radial-inflow turbines and with the performance cal- :
. ‘ culated by a previous computer program. The flow equations, program listing, and input and output for a :
sample problem are given,
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EXPERIMENTAL INVESTIGATION OF THE EFFECTS OF TIP CLEARANCE AND END LOSSES ON AXIAL COMPRESSOR PERFORMANCE
Welch, J. K.

Naval Postgraduate School Monterey Calif.

Jun 73, 135p.

AD-=767 656
The objective of the study was to determine by experimental means the rotor efficiencles at different radii

botween hub and tip of a single stage axial compressor at its design point, to show the influence of tip
clearance and end losses. Procedures for calibration and application of pressure probes to survey the flow
in the compressor ware ostablished and programs were written to analyze the measured data. Recommendations
are made for lmprovements of the data reductlon method, which should precede experiments involving control-
led changes in the blade tip clearances,

CALCULATTON OF SUPERSONIC COMPRFSSOR LOSSES

Wells, W. R.; Tabakoff, W,

Cincinnati Univ Ohio Dept of Aerospace Engineering

26 Oct 70, 6p.

AROD-T~4:33-F

AD-728 077

The purpose of the analysis is thec development of a simple realistic means to compute the adiabatic effi-
clency of a supersonic compressor.

EXPERIMENTAL DETERMINATION OF TURNING ANGLE AND LOSSES OF AXIAL COMPRESSOR INLET GUIDE VANES

Wheeler, W. R,

Naval Postgraduate School Monterey Calif,

Dec 72, 47p.

AD-757 250

The investigation experimentally determined the minimum loss incidence angle, deviation angle, and total-
pressurc loss coetficient for a cascade with airfoil-type blade profiles used as inlet guide vanes for an
axinl-flow compressor with an equivalent camber angle of 37.6 degrees and unit solidity. The experimental
values were compared with values predicted using correlatlons based on compressor cascade tests.

COLD-AIR INVESTIGATION OF A 3 1/2- STAGE FAN-DRIVE TURBINE WITH A STAGE LOADING FACTOK OF 4 DESIGNED FOR AN
INTEGRAL LIFT ENGINE. 1: TURBINE DESIGN AND PERFORMANCE OF FIRST STAGE

Whitney, W. J.; Schum, H. J.; Behning, F. P,

National Aeronautics and Space Administration. Lewis Research Center. Cleveland, Ohio

Oct 75, 39p.

NASA-TM-X~3289; E-B354

N75-330587

The design of the 3 1/2-stage turbine is described, and the cold-air performance of the [irst stage, modified
for axial inlet conditions, is presented. The performance of the modified single-stage turbine and of two
conterporary high-stage-lecading-factor turbines is compared with that estimated with a reference prediction
method.

OPTIMIZATION OF THE RESPONSE CF FRICTIONALLY DAMPED BEAM TYPE STRUCTURES WITH REFERENCE TO GAS TURBINE
COMPRESSOR BLADING,

Williams, BE. J.; Earles, S. W. E.

Univ of Nortingham, University Park, Engl.

J Eng Ind., Trans ASME V 96, Ser B N 2, May 1974, p.471-476

TRANSPIRATION COOLING. PART 1. ANALYTICAL MODCL.

Winget, L.} Han, L. S.

Ohio State Univ. Rescarch Foundation Columbus

Dec 72, 420p.

AFAPL-TR-73-11-PT-1

AD-759 190

An analytical method is presented for investigation of transpiration cooling and the downstream cooling
effects beyond the point of discontinuous blowing. The method presented is restricted to the laminar
regime. An integral method which satisfies the first two compatibllity conditions at the wall is developed
for both the velocity and thermal boundary layers. An cxponential function 15 incorporated for both the
velocity and temperature fields. The boundary layer definition is extended through the position of dis-
continuous blowing to the point of separation., The wall temperature is assumed constant in the transpiration
regime and is allowed to vary downstream from the permeable wall to evaluate the effects of downstreanm
cooling. Asymptotic expressions arc given for both large blowing and suction velocities,

TRANSPIRATION COOLING. PART TL, EXPERIMENTAL STUDY OF WAKE EFFECTS.

Winget, L. E.; Han, L. S.

Ohio State Unlv Resenrch Foundation Columbus

Mar 73, 121p.

AFPAPL-TR~73-11-Pt-2

AD-759 191

An experimental analysis Is presented for the investigation of the stator wake effects on the rotor blades
which are immediately downstream. A two-dimensional test apparatus is used to sinmulate the stator and
rotor blades. The test section is 2 x 2 feet. The chord length of the test blades is 7 inches. All
Reynolds number range is from 100,000 to 200,000. Static pressure readings arce recorded mlong the surface
of the rotor test blade as well as a pressure traverse bhehind the stator blades. The second row of blades
arc movable with respect to the first row to simulate varlous positions to the wake interaction. The boun-
dary layer growth is computed by the integral method presented in Part 1 and compared with another method
presented in a recent NASA report. (NASA TN-D-5681 (McNally 1970).
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TRANSPIRATION CONLING. PART III. USER'S MANUAL

Winget, L. E.; Han, L., S,

Ohio S5tate Univ Research Foundation Columbus

Mar 73, 190p.

AFAPL-TR-73-11-Pt-3

AD-759 192

The computer program is presented for obtaining the drag and heat transfer coefflcients around an airfoil

with a blunt leading edge. The surface may be impermocable or porous with a specified blowing incorporating

exponential profiles for both the velocity and temperature flelds. The method has the capability of inte-
grating around a body to the point at which the flow field separates from the surface. Provisions are
included to handle the case of discontinuous blowing. In addition, any body for which the initial length

- can bo approximated by the flat plateo similarity solution can be analyzed.

TURBINE AND COMPRESSOR PERFORMANCE OF A BRAYTON ROTATING UNIT DURING HOT CLOSED-LOOP OPERATION
OPERATION

Wong, R, Y.

National Aeronautics and Space Administration. Lewls Resvdarch Center, Cleveland, Ohio

Sep 71, 27p.

NASA-TM-X~2350

N71-35232

THE ANALYTICAL TREATMENT OF SECONDARY FLOWS AND ASSOCIATED LOSSES IN AXIAL-FLOW TURBOMACHINES

Woods, J. R, Jr,

Naval Postgraduate School Monterey Calif.

10 Dec 71, 40p.

NPS-57W071121A

AD-734 983

The report presents the current state of the art of the analytical treatment of secondary flows and associated
losses in axlal-flow turbomachines. A physical description of the secondary-flow phenomena is given, as

well as the theorotical methods that are available to treat secondary flows and to predict secondary losses.

AN INVESTIGATION OF SECONDARY-FLOW PHENOMENA AND ASSOCIATED LOSSES IN A HIGH-DEFLECTTON TURBINE CASCADE
Weods, J. R. Jr.

Naval Postgraduate School Monterey Calif

Sep 72, 122p.

AD-750 183

The report presents precise quantitative data established for the overall flow losses in a high-deflection
turbine rotor cascade for a range of aspect ratios h/c from 1.480 to 0,592. The magnitude of the losses due
to secondary-flow effects was also determined. From these measurements it was possible to Jbtain an improvac
physical description of the complex secondary-flow phenomena.

HIGH-TIP-SPEED, LOVW-LOADING TRANSONIC FAN STAGE, PART I. AERODYNAMIC AND MECHANICAL DESIGN.
Wright, L. C.; Vitale, N. G.; Ware, T. C.; Erwin, J. R,

Airesearch Mfg. Co., Los Angeles, Calif.

Apr 73, 180p.

NASA-CR-121095; AIRESEARCH-72-8421-PT-1

N73-22727

INLET FLOW FIELD SIMULATION TECHNTQUES FOR ENGINE/COMPRESSOR TESTING
Younghans, J, L.; Moore, M, T.; Collins, T. P.; Direnzi, J. G.
GLeneral Electric Co., Evendale, Ohio

Aircr Eng V 42, N 1), Nov 1970, p.12-17

A PREDICTION MODEL FOR LIFT-FAN SIMULATOR PERFORMANCE

Yuska, J, A.

National Aeronautics and Space Administration. Lewis Research Center, Cleveland, Ohio.

Aug 72, 7lp.

NASA-TM-X-68788

N73-10282

The performance characteristics of a model VIOL lift-fan simulator installed in a two-dimensional wing are
presented. The lift-fan simulator consisted of a 15-inch diameter fan driven by a turbine contained in the
fan hub, The performance of the lift-fan simulator was measured in two ways: (1) the calculated momentum
thrust of the fan and turbine (total thrust loading), and (2) the axial-force measurcd on a load cell
force balance (axial-force loading), tests were conducted over a whide range of crossflow velocities, cor-
rected tip speeds, and wing angle of attack, A prediction modeling technique was developed to help in
analyzing the performance characteristics of 1lift-fan simulators. A multiple linear regression analysis
technique is presented which calculates prediction model cquations for the dependent variables.

PREDICTION OF GAS TURBINE ENGINE COMPRESSOR ROTOR BLADE SERVICE LIFE,
Zhuchenko, E. I.; Fridlender, I, G.
Sov Aeronaut V 16, N 4, 1973, p.100-103

ON THE PRINCIPLE OF REPEATABILITY AND ITS APPLICATION IN ANALYS1S OF TURBINE AND PUMP IMPELLERS.
tienkiewicz, 0. C.; Scott, F. C.

Univ of Wales, Swansea

Int J Numer Methods Eng V 4, N 3, May-Jun 1972, p.d45-450

EPFECT OF PROJECTIONS ON THE SURFACES OF GAS TURBINE PARTS ON THE EFFICIENCY OF THEIR COOLING BY AN AIR ¥ILM
Zolotogorov, M. 5.
Teploenovgetika N 12, Dec 1973, pn.37-39




g

il R

STUDY OF FILM-COOLING EFFECTIVENESS OF SOME GAS-TUBINE STATOR SURFACES
Zysin, V. A.; Zolotogorov, M. S.
Heat Transfer-Sov Res V 4, N 3, May-Jun 1972, p.6-10

POWER PLANT CONTROLS FOR AERO-GAS TURBINE ENGINES

Advisory Group for Aerospace Research and Development. Paris (France)
Mar 75, 374p.

AGARD-CP-151

N75.23575
Control requirements, control simulation techniques, and control system hardrare for improved yeliability of

aircraft gas turbine englines ars elaborated.

BEHAVIOR OF TURBOJETS

Deutsche Gesellscha®t fuer Luft- und Raumfahrt, Cologne (West Germany)
Jan 73, 1l4p.

DIR-MITT-73-05

N73-33755

The influence of combustion chambers, compressors, and afterburners, and thelr mechanicgl configuration, on
the static performance of two-cycle turhojet engines, with a high bypass ratio was invgstigatod. Some
examples are given to show the influence of the variation of both nozzle surfaces und/fuel throughput at,
given thrust on the parameters of tho same engines without primary and sccondary floy mixing. The perfor-
mance of arbitrarily switched gas turbines was culculated by simulation with Luildin% block system on a
digital computer. The effects of a partly oll-filled converter for a turbine englgc used to supply
starting power to the main engines were investigated.
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and quantitative turbomachine performance information needed for evaulation of the
effects of compressor and turbine behaviour on the complete propulsion system. The
lectures ofi component performance prediction cover both current and developing
technology for axial-tlow compressors and turbines, centrifugal compressors and radial-
inflow turbines.
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