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INTIODUCTION 

The present study was prompted by a need for a reasonably accurate 

helicopter performance prediction method, simple enough to program on 

a desk-top size computer.  Such a program is Intended for preliminary 

design work and design evaluations. 

The problem area covered in this paper is chat of the estimation of 

airfoil (two-dimensional) profile drag. The treatment is confined to 

the consideration of smooth airfoils with fully turbulent boundary 

layers.  Such an airfoil condition is believed to be adequately repre- 

sentative of rotor blades in actual service. If some degree of roughness 

is considered more realistic, an allowance for that condition can be 

added to the results presented herein. 

In contrast with the assumption of fully turbulent boundary layers on 

the airfoil surfaces, there is evidence that significant extents of 

laminar flow may exist on production rotor blades during normal operation; 

e.g., reference 1. Drag estimation methods can be, and have been (refer- 

ence 2) evolved that accord with such evidence. However, for the purpose 

of a minimally complicated calculation program, with good applicability to 

the performance capabilities of an aircraft throughout its lifetime, the 

subtleties of the transition problem have been bypassed. There is little 

hope of generalizing the assumption of a transition location on a given 

blade such that one's conclusion will be valid in day-to-day operations of 

the aircraft. The sun total of high Reynolds number, service wear, de- 

posits from the environment, and atmospheric turbulence tend to make the 
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assumption of a fully  turbulent boundary layer on the main rotor blades 

an acceptably applicable,  if slightly conservative, one. 

The  intended application of the airfoil profile drag estimation 

method to performance predictions for rotary-wing aircraft does not, in 

any way,  detract  from the greater universality of the method; i.e., to 

fixed-wing aircraft as well. 
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DISCUSSIOH 

Mlniaum Drag Coefficient! 

The profile dreg of an airfoil can be regarded aa the siai of a 

friction drag. Dp* due to Che tangential forces acting on the airfoil 

aurfaces, and a pressure (or form) drag, 0$, due to the nonul forces. 

D - Dp + Ds - Dp(l ♦ —) 
^        Cc In coefficient form.      CD ■ Cp(l + 7^) 

CF 

(1) 

(2) 

Friction Drag; 

The procedure used here to arrive at a convenient expression for the 

friction drag is to treat the airfoil as a flat plate, with surface length 

equal to the perimeter of the airfoil. In a stream of effective dynamic 

pressure equal to that of the average local dynamic pressure on the 

airfoil. Then, 

Dp " Cf(qL)A(L) per unit span (3) 

...    Cp-Cf^j^i) .Cf(S)A(i) «) 

The mean skin friction coefficient, C^, is taken to be that of a 

smooth flat plate in turbulent flow at a Reynolds number defined as 

RN " RNo (1/2 i) |f(s)7 CS)A (5) 

For this purpose,  the Karman-Schoenherr equation for a fully turbulent 

flat'plate Is used, 

log (Kjff)  - Oil*! (6) 
j/cT 

Equation   (6) Is plotted as Figure 1.    A table of values of Cf versus RN, 

computed at small Intervals of R^, can be found In reference 3. 

■^aaaMBM ^MHaMMHMH m—mmm 



Pressure Drag: 

The airfoil pressure drag is taken  to be  the difference between the 

friction drag as computed above and measured test values of profile drag. 

The airfoil test data of references 4, 5, and 6 are used for this purpose. 

A difficulty arises  from the  fact  that   test data for smooth airfoils 

with fully turbulent bor.dary layers are not available.    The data are 

either for  smooth airfoils with extensive,  and undetermined, amounts  of 

laminar flow,  or  for airfoils with roughness on their leading edges  to 

insure  fully  turbulent  flow.    For the present purpose, the latter data 

are used, with an estimate of the Incremental drag attributable to the 

roughness deducted  from the test values.    The remainder is considered as 

the equivalent of a smooth profile in fully  turbulent flow.    It is the 

difference between the profile drag,  so determined,  and the computed 

friction drag,  that  is considered to represent the airfoil pressure drag. 

In a perfect flow there is no boundary layer and, therefore, no pres- 

sure drag.     In an actual flow the boundary layer effectively distorts the 

profile,  inhibits  full pressure recovery at  the airfoil trailing edge,  and 

accounts for a net drag due to normal pressures, whether flow separation 

Is presant or not.    The pressure drag,  at o< ^ 0°,  is, therefore,  closely 

related to the size and shape of the boundary layer on the profile.    The 

skin friction coefficient is also relatable to the boundary layer thick- 

ness; e.g., using the 1/7-power law for a turbulent boundary layer, 

„* - 0-0^6 ,    r    _ 0.072 
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BO that, —rr-• constant. 

On the basis of the preceding. It is reasoned that the nagnltude of 

the airfoil pressure drag is related to that of the friction drag at zero 

degrees of airfoil attitude, where flow separation is either nonexistent 

or very limited.    Consequently, these drags are expressed In the for« of 

a ratio, as in Equations  (1) and (2.) 

Analygls: 

The test data used in the present analysis  (Table I) were all obtained 

at a RJJQ - 6 x 106 with NACA standard roughness  (0.011-inch sand grains) 

distributed over each surface from the airfoil leading edge to a distance 

aft equivalent to 0.08c.     In order to implement the procedure described 

abeve and solve Equation  (A)  for each of the test airfoils it was neces- 

sary to determine L/c and (S)A in each case, as shown in Figures 2 and 3. 

These and other pertinent data are also listed In Table I.    The values in 

Figure 3 were obtained from the theoretical  pressure distributions pre- 

sented in references 4 and 5.    The distributions for the 4-dlglt family of 

airfoils, reference 4, were mcdifled at the trailing edge, rather than 

assumed to return to a stagnation condition.    This modification provides 

an allowance for the existence of boundary layers. 

Figures 1,  2, and 3, with the RJJ defined as in Equation (5,) provide 

the information needed to solve Equation (4)  for values of friction drag 

coefficient for smooth airfoils with fully turbulent boundary layers. 

For precise values of Cf, reference 3 or a solution of Equation (6) is 

recommended in place of Figure 1.    The results of such computations are 

listed in Table I and shown for a typical airfoil family, the 64-serles, 

mmam 
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In Figure 4, with the label Cp . The considerable difference between 

these results and the test data points plotted in Figure 4, indicates a 

sizeable effect due to the roughness grains on the test airfoils. 

The method used to estimate Che drag increment, (ACp)R, due to the 

roughness on the test airfoils if  described In Appendix A. The results 

are listed in Table I. An example of the total friction drag coefficient, 

Cp, computed for 64-serles airfoils with NACA standard roughness at 

R« m 6 x  10" is shown In Figure 4, where, 

Cp - Cps + (ACp)R (7) 

The pressure drag coefficient, Cs. was taken to be the difference 

between the test data and the computed values of Cp. Those differences 

were divided by the computed Cp's, and the ratio, Cs/Cp, obtained in each 

case, was plotted in Figure 5. Unfortunately, the cumulative effects of 

scatter among the test data, and any other errors, are concentrated in 

Figure 5. Since possible errors of a few percent are of the same order 

of magnitude as Cg/Cp, the Individual points in Figure 5 cannot be re- 

garded as precise.. To retain generality, with probable errors no greater 

than about 2-percent of the airfoil profile drag, a single curve has been 

drawn on Figure 5 to be used for estimation purposes (e.g., CQS calculated 

in Table I.) 

The preceding paragraphs have covered a method for the estimation of 

smooth, symmetrical airfoil minimum profile drag coefficient at any 

Reynolds number and lew subsonic Mach number. Test data with which to 
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tither substantiate or disprove  the method are not available.    An alter- 

native attempt  to verify the procedure.  In itself  a possible means of 

arriving at the same desired end,  is presented in Appendix B. 

Compressibility Effects; 

The airfoil  data  used in  the analyses were obtained at Mach numbers 

of  less  than 0.2.     Te^t  data,   tr  general,  indicate very little effect of 

Mach number, below the  crag  rise value, on airfoil minimum drag coeffi- 

cient.    The small effects  of  this Mach number range on 'ehe drag are 

frequently masked by  the effects of variations  in the Reynolds number as 

well, or,   for smooth airfoils,  by changes in the boundary layer transition 

positions on the airfoil surfaces with Mach number, or simply by the 

limitations of measurement  accuracy. 

Examination of Equation   (4)  suggests that  the Mach number effect on 

airfoil  friction coefficient  can be expressed as, 

CFc _ Cfc    (Sc)A (8) 

cFl    cfi   (si)A 

The effect of Mach number on  the  turbulent skin  friction coefficient of 

a flat plate has been the subject of numerous Investigations.    For Mach 

numbers up to 0.8 or 0.9 the effects are small and can be represented 

adequately for the present purpose, from the test results of reference 7, 

by 

f!£-l- .08  (M)1,75 (9) 
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The Prandtl-Glauerc similarity rule can be applies to the low Mach number 

values of SA to yield. 

(Sr) c'A 
(Sl)A 

l-hq2 

1^2 (10) 

Typical results obtained by combining the above two effects are 

(assuming M^ ■ 0.20:) 

(1) NACA 642-015 airfoil at M = 0.70: 

f£c . 0.957 (ScU 
Cfi <

S
I)A 

—^ - 0.98A 
CFi 

1.028 

(2) NACA 64-006 airfoil at M = 0.85: 

cf. 
0.940 

CF, 

(SC)A _ 
(Si) 

= 1.067 
i-'A 

1.003 
'Fi 

Assuming that Cg/Cp is Independent of Mach number below the drag rise 

value, it is apparent that an increase in Mach number, prior to the onset 

of local shocks on the airfoil, has very little effect on the airfoil 

profile drag coefficient. The effects of Mach number on the onset and the 

magnitude of the drag rise have been the subject of numerous studies and 

data correlations and are not discussed here. 



Profile Drag Due to Lift; 

The test data of references A,   5, and 6 were examined to determine the 

variation of section profile drag  coefficient with angle 01  attack.    Sig- 

nificant effeccs  of airfoil  family,   thickness,  Reynolds number,  and sur- 

face  condition were noted.     This multiplicity of factors precludes a 

precise,  yet simple,  generalization.    However, with some sacrifice in 

accuracy,  a  relatively  simple method has been evolved which can be used to 

estimate the Increment  in profile  drag coefficient due to angle of attack 

for  smooth airfoils with fully turbulent boundary layers. 

The  test data  at RN    = 6 x 10   , with NACA standard roughness on the 

airfoil surfaces,  were  used  for the present analysis.    First,  the rough- 

ness  effect was estimated and subtracted from the test data,  in the manner 

previously described under  "Minimum Drag Coefficient."    Since  the pressure 

distribution changes with angle of attack,  particularly near the airfoil 

leading edge,   the  incremental drag due to the roughness must itself be a 

function of ex.    A study was made  of the effects of o<  on th«1 theoretical 

pressure distributions.    From these results,  the Increase in the average 

value of S over the roughened region of the  test airfoils was determined. 

Application of these results defines the incremental drag due  to roughness, 

in the test data;  e.g..  Figure 6.     This effect of roughness was  subtracted 

from the test  data  (standard roughness)  for each airfoil,  and the resulting 

drag curve assumed equivalent to  that of a smooth airfoil with fully tur- 

bulent boundary  layers. 
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The airfoil data, adjusted from the rough to smooth condition as 

above, «ere. examined for potential generalization of their variations of 

CD with o( in a reasonably simple manner.    The result, for RJJ0 " 6 x 106, 

is an equation of the form, 

(ACD)^ - K(0<)2.7 (11) 

«here Of is In radians, and K Is a function of thickness as shown in 

Figure  7. 

The effect of Reynolds number on airfoil drag coefficient at any 

angle of attack can be estimated by assuming Cg/Cp independent of RN at a 

given angle of attack, as was done for 0(a 0°.    Then Cjp-'Cj.'^Cf.    It 

follows that (ACD)pt'"v^ Cf,  so that. 

UCrfc 
(Cf)^ Neff 

[^Vff ] ^ - 6 x 106 
K(<X)2-7 (12) 

The variation of Cf with of, due to an Increase in S^ with C«, and, there- 

fore,  an increase in effective RJJ, will be small, and is accounted for, to 

some extent, In Equation (11).    Therefore, it is recommended that values 

of Cf determined for effective values of RN at CX > 0° be used in the 

solution of Equation (12). 

Equations (2),  (4), and (12) combined yield the expression for 

airfoil profile drag coefficient, 

+ K(^)2-7 \ 

(Rj^ - 6 x 106,  cy-o*) J (13) [^fSeff 

10 
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Examples of the results of applying Equation (13) to the NACA 6^-012  air- 

foil are shown In Figure 8. 

Effect of Camber; 

A study of airfoil data reveals little or no effect of camber on the 

value of the minimum drag coefficient or Its occurrence at Ot" 0°. The 

effect of OC In the range below the stall value Is similar to Its effect 

on the uncambered section. Consequently» with good accuracy, the relation 

of CQ versus ex obtained from Equation (13) for an uncambered airfoil can 

be applied to an airfoil with the same thickness distribution but a cam- 

bered mean line. The section lift curve will be shifted, and the magnitude 

of the shift can be very closely approximated by the result from thin air- 

foil theory, 

^OL - -2(57.3) /maximum camber j ^ degrees. 

Profile Drag Beyond Stall Angle: 

At airfoil angles of attack greater than the stall attitude, the pro- 

file drag Is relatively Independent of Reynolds number and the airfoil's 

thickness and shape. Test data for an NACA 0012 airfoil, reterence 8, and 

a flat plate, reference 9, obtdned In the stalled flow regime (o(>20o), 

can be correlated by 

CD - 2.1(sino01*7 (14) 

as shown In Figure 9. 

The complete profile drag curve for a symmetrical airfoil, (-90e^or<90o), 

can be constructed If the stall angle for the airfoil, at the given flow 

conditions. Is known. Equation (13) can be used for angles of attack below 

11 
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the stall and Equation (14) for angles above the stall. An example is 

shown in Figure 10 for the NACA 0012 airfoil. A rapid transition between 

the two curves is expected in the stall onset region. 

RECOMMENDED ESTIMATION PROCEDURE 

Example: Calculate the drag coefficient versus angle of attack below 

stall, for the NACA 641-012 airfoil without roughness, with turbulent 

boundary layers, at a Reynolds number of 20 x 10°, based on free-stream 

velocity and the airfoil chord. 

Solution: 

(S^)^ »o0 " 1*163 from Figure 3 

— " 2.0305 from Figure 2 

(^ J      - 0.037 from Figure 5 
CF/tx-O» 

K - 1.55 from Figure 7 

«Neff " ^0 x 1/2   (c)    |f(SA> oc - O' fr0m E*iation <5) 

•*• ^eff M 21,9 x 106 at ^o - 20 x lo6 

RNeff - 6.565 x 106 at %0 - 6 x 106 

Then,  (Cf) ^» ff ■ 0.00259 from Figure 1 

L(Cf)RNe«](RN0-6xl06,  cx-0-) 
0.00315 from Figure 1 

Substituting these values in Equation (13) yields. 

CD - 0.00634 + 0.000023 (oO2*7 

with o< in degrees. 

The solution of this equation is plotted on Figure 8. 

12 
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Hew «nd/or Untested Airfoils; 

Application of the method presented in this paper is straightforward 

for airfoils included in the families used as examples herein (4-Digit 

and 6-Series). Extension of the same estimation procedure to an airfoil 

shape not Included in Figures 2 and 3 requires the determination of the 

airfoil's perimeter and average pressure coefficient. The perimeter is 

an obviously measurable quantity. The determination of the average 

pressure coefficient requires an estimate of the airfoil pressure dis- 

tribution. That can be limited to the pressure distribution on one 

surface, at oc - 0s, for an airfoil with the given thickness distribu- 

tion only. The airfoil's camber can be neglected for this purpose, since 

its opposing effects on the upper and lower airfoil surfaces are essen- 

tially self-cancelling. 

13 
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APPENDIX A 

Estimation of Leading-Edge Roughness Effect on CD, MIN 

The incremental friction drag coefficient due to the roughness 

grains on the test airfoils was estimated as follows: 

(1) The figure of Cf versus RNQ for a sand-roughened plate, on page 

448 of reference 11, provides a comparison of rough and smooth values of 

skin friction drag coeffficent. 

(2) All of the test airfoils were of 24" chord and had 0.011" sand 

grains over 0.08 c on each surface, therefore, ^ * n\\      "  1'4.5. 

(3) The plate RJJ^ equivalent to .08c airfoil surface length was 

taken to be: 

RNR » 6 x 106 (.08) ^(SA)R'^ 5 x 105. 

(4) A cross-plot of the curves in the figure of reference 10 yields: 

_s 
k 
s 

CfR " 0.01380 for ^ = 174.5 at RNR = 5 x 105 

Cfs - 0.00517 for J = C^J at RN - 5 x 105. 

(5)    The Incremental friction drag coefficient due to the roughness 

was then taken to be (analogous to Equation (4)): 

UCF)R -   (Cf    - Cf )   (2x.08)   (SA)R - 0.00138(SA)R (A-l) 
R S 

In order to follow the method outlined in the preceding steps, it is 

necessary to determine the average pressure coefficient on each airfoil 

over that section of the airfoil with roughness on it, i.e., (SA)R. Since 

the chordwise extent of the roughness varied with airfoil shape and 

27 

MHMMHI mmmm ■■MM 



^m^^^^~* '■i"   ■ -   wpp"«1"»« 

■■- ■■■• ■' ■■>g^"» •«■«««Mirtpww^w^t;; ^*^?WtgW»l^w«»^^^ j[l 

thickness,  Che chordwlse station at which the roughness ended was de- 

termined for the various families.    The theoretical pressure distribu- 

tions were then used to determine the average values of S over those 

sections of each airfoil which were covered by the roughness grains. 

Equation (A-l) was then solved and some of the results are included In 

Table I. 

To Justify the above procedure for estimation of the Incremental 

drag coefficient due to leading-edge roughness, an analysis was made of 

available test data for a 36 inch chord NACA 63(420)-422 airfoil tested 

at a stream R..   ■ 26 x 10 ,  reference 12.    Three different sizes of sand 

grains were used in that test, each in turn spread over 0.08c equivalent 

length on each surface behind the leading edge.    The test and estimated 

results are compared in Figure A-l.    For the estimation purposes, 

Schlichting's curves were cross-plotted at a RN« 2 x 10  , and (S,)_ was 

assumed to be 0.92 (extrapolation of 63-serles curve computed as above). 

The latter number may not be precise for this cambered airfoil at a small 

positive lift coefficient, but the error is within the accuracy of the 

data.    The available test points are very few but their magnitude and 

trend agree well with the estimated curve. 
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APPENDIX B 

Alternative Mjthod for Estimation of Minimum Profile 

Drag of Smooth, Fully Turbulent, Symmetrical Airfoils 

Test data are not available to verify the technique recommended In 

this report for the estimation of ehe profile drag coefficient of a 

smooth airfoil with fully turbulent flow. As an alternative means of 

achieving such verification, the method described below was used. It 

is, necessarily, another means of arriving at the same end; but, being 

dependent exclusively on test data, provides no general applicability In 

Itself. 

As an example, the 64-series airfoil test data presented In reference 

4 will be used. These data were obtained with the airfoils In both the 

smooth and rough conditions at RN0 " 6 X  106. A typical case of the 

NACA 641-012 airfoil is shown in Figure B-l. 

For the smooth airfoil, the minimum drag coefficient is seen to be 

in the so-called "laminar flow bucket." Extensive amounts of laminar 

flow exist on both airfoil surfaces at ex = 0°. A common practice In 

Industry, in years past, was to fair out the "bucket" (as in Figure B-l) 

as unrealizable in practice, and use the faired value In Its place. That 

portion of the drag curve outside of the "bucket" is at sufficiently high 

angles of attack for the adverse pressure gradient on the downwind side 

of the airfoil to have moved the boundary layer transition point on that 

surface forward to, yt  very close to, the leading edge. Simultaneously, 

the boundary layer < i the upwind surface is little changed. Consequently, 

! 
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the faired value should reasonably represent the minimum drag coefficient 

for the airfoil with essentially fully turbulent flow on one surface and 

the sane, or nearly the same, extent of laminar flow OP the other surface 

as for the unfaired data. 

The drag increment between the value at the bottom of the "bucket" and 

the faired curve can be attributed, on the basis of the above, to movement 

of the boundary layer transition point on one surface up to the leading 

edge, while that on the other surface remains essentially unchanged. If 

this reasoning Is followed one step further, we can conclude that a 

similar movement of the boundary layer transition point to the leading 

edge on the unaffected surface, so that both surfaces are in fully tur- 

bulent flow, would add another similar increment in drag. 

The 6A-8eries airfoils were examined in the context of the reasoning 

presented above. The results are shown in Figure B-2 and there compared 

to the profile drag coefficients calculated by means of the procedure 

outlined in this report for the same airfoil family with smooth surfaces 

and fully turbulent boundary layers. The good comparison obtained 

represents a qualitative approval of the presently recommended estimation 

method. 
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SYMBOLS 

c - Airfoil chor^ 

CD • Profile drag coeffirient 

Cp ■ Friction drag coefficient 

Cf ■ Average flat plate skin Triction coefficient 

CL " Lift coefficient 

Cs ■ Pressure drag coefficient 

D ■ Drag 

Dp ■ Friction drag 

Ds ■ Pressure drag 

K ■ Coefficient in  Equation (11) for profile drag due to lift 

k > Roughness grain size 

L ■ Perimeter of airfoil 

M ■ Mach number 

q ■ Dynamic pressure 

Rfl ■ Reynolds number 

S • Pressure coefficient, (VL/V0)2 

s • Length along airfoil surface, measured aft from leading edge 

V ■ Velocity 

x ■ Length along airfoil chord, measured aft from leading edge 

0< " Airfoil angle of attack, radians, unless otherwise noted 

OC ■ Rotor blade-element angle of attack, measured from line of zero 
lift,  radians 

A ■ Increment 
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$ - Boundary-layer displacement thickness 

y - Kinematic viscosity 

Subscripts 

A ■ Average 

C " Compressible 

i ■ Incompressible 

L ■ Local 

MIN - Minimum 

0 ■ Free-stream 

OL - Zero lift 

R « Rough 

S ■ Smooth 

x ■ Length along airfoil chord 

OC ■ D«a to angle of attpck 
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