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FOREWORD

This Symposium dealt with current work on the prediction and measurement in
detail of the performance of subsonic, transonic and supersonic aircraft where integrated
effects of aerodynamics and propulsion are involved. The objectives were an up-dating
of research information on airframe/propulsion interference effects, discussion of these
effects in rvelation to practical problems in the design of combat and transport aircraft,
and identification of gaps in the present knowledge and understanding of the fluid flow
phenomena of inlet, airframe, propulsion and nozzle combinations which should be taken
into account in future research programmes.

The Symposium included a presentation of results by a joint PEP/FDP Working Group
on Nozzle Testing Techniques in Transonic Flow, but these will be reported separately in
an AGARDograph and are not included in these Proceedings. A Round Table Discussion,
initiated by invited experts, concluded the Symposium and this is reported here.

The Symposium was held at the Palazzo Aeronautica, Rome, at the invitation of the
[talian National Delegates to AGARD.
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PROBL.EMES D'INTERACTIONS ENTRE LA PRISE D'AIR ET L'AVION
par Jacky LEYNAERT*

Office Nutional d'Etudes et de Recherches Aérospatiales (ONERA)
92320 Chétillon (France)

Résumé

La définition des termes d'interaction entre la prise d'air et I'avion, et les voies théoriques et expérimentales suivies pour traiter
le probléme en subsonique et en supersonique sont rappelées.

Quelques exemples d'influence d'un écoulement non uniforme sur le fonctionnement d'une prise d'air supersonique, et d'adaptation
de la prise d'air & ce champ, notamment en vol avec incidence ou dérapage, sont ensuite précisés.

INTAKE-AIRFRAME INTERACTION PROBLEMS

Abstract

The definition of the iat eraction terms between the air intake and the airframe, and the theoretical and exj erimental tools used to
study the problem for subsonic or supersonic aircraft are presented.

Some examples of the influence of a non-uniform upst ream flow on the intemal flow characteristics of supersonic intakes are given,
and some means of adjusting the inlet to a non-uniform flow, mainly for flight with incidence or yaw, are analysed,

Ilatroduction

Les moteurs actuels des avions subsoniques nécessitent des fuseaux de grande dimension dont I'adaptation i la cellule constitue
un probléme majeur en aérodynamique. Si I'utilisation de moteurs double flux a taux de dilution appréciable était envisagée pour les avions
super soniques, en vue notamment de réduire le bruit, I'importance, déja capitale pour ces avions, des études de prises d'air, d'arriére-
corps, etd'intégration de |'ensemble de propulsion, en serait encore accentuée.

Une définition des termes d'int eraction entre les éléments de cet ensemble et I'avion sera d'abord proposée.
Les calculs et méthodes d'essai concernant |' installation des fuseaux moteurs d'avion subsonique seront ensuite rappelés, et
quelques remarques préciseront le probléme des prises d'air a proximité du sol. .
i
Les études de champ aérodynamique et d'interaction en supersonique seront enfin mentionnées, et des indications particuliéres

seront données sur 1'adaptation d'une prise d'air bidimensionnelle placée sous une voilure, en tenant compte notamment des effet s du
dérapage.

Bilan d'installation des moteurs

Pour établir le bilan de |'installation des moteurs a une altitude de vol cta un nombre de Mach donnés et préciser les termes
d'interaction, il est nécessaire de tenir compte des effets de portance et de moment. On supposera pou: cela qu'une configuration de

l'avion non motorisé ou planeur a été définie, et que sa polaire équilibrée est donnée, le poids ct l¢ centre de gravité étant ceux de
l'avion complet.

Soit P le point de cette polaire dont la portance Z équilibre le poids de I'avion complet. Au voisinage de P la polaire sera assimilée
A sa tangente de pente AX/AE:‘B& (fig. 1).

Soit P' le point de la méme polaire qui correspond a I'incidence de vol en palier de 1'avion complet. La différence de portance A Z du
plancur de P' a P représente la portance de l'installation motrice,

La trainée en P', trainée du planeur a I'incidence de vol, est égale par définition a la poussée F de l'installation motrice, Sans
portance A Z, l'incidence de vol de I'avion scrait celle du point P ; le supplément de trainée correspondant, AX = A Z g€ , que
permet d'éviter la portance du fuseau, sera prise en compte en désignant par poussée corrigée Fc de l'installation motrice [a somme
Fc=F + AZ tg€ . (Cette poussée corrigée est égale a la trainée du plancur en P, ce qui la définit direct ement).

* Chef de Division d' Aérodynamique Appliquée.
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Si I'installation motrice est analysée en plusieurs éléments, tout élément i donnant une contribution AZ; 2 la portance sera
de mdme affecté d'une correction de poussée AZjtg & comme indiqué sur la figure 2 ; la somme de ces deux éléments (positifs ou
négatifs selon qu'il s'agit de termes de poussée ou de trainée) restituera ainsi Fc.

On notera que la portance et la tralnée dues & 1'équilibrage d'un moment éventuel doivent &tre comprises dans la définition de
chaque terme élémentaire, comme elles le sont dans F.

Le moteur présente des caractéristiques nominales définies par le motoriste, pour des efficacités nominales de prises d'air et de
tuydres données. Si ce mot eur est supposé ajouté sans interaction au planeur précédent, on montre aisément que l'installation optimale,
du point de vue propulsif, consiste & dévier le jet vers le bas d'un angleolj = & : soit 9,V la poussée du jet supposé adapté a la

pression p o, ; le jet étant dévié de & j, la portance A Zj = q, V. sine{ j permet une réduction de trafnée A Zz%& , mais la perte
de poussée vaut qui (1- cos®kj) ; la différence, qui (sinokjeg€ - 1 + cosokj), est bien maximale poure{j = &7,

La poussée corrigée du jet, qui(coso\j + sindjtg& ), est dans ce cas égale & qc':’_\g. , d'olt la poussée nominale corrigée du

= 9wV .
Fy = - fig. 3).
moteur Ne™ st ‘lm.,v., (fig. 3)

La différence Fy . - F( représente par définition la perte de poussée de l'installation, qui inclut les termes d'interaction. Pour
faire apparaitre ceux-gi, la perte de poussée sera analysée en pertes internes et trainées e xt emes (fig. 4).

Les pertes internes comportent notamment :
b sl =

- des termes de tralnée : pidges & couche limite interne, dérivation du moteur, prises de débit auxiliaires, fuite par défaut d'étanchéité...

- des pertes de poussée, dues 2 une inclinaison non optimale du jet, et & des efficacités de tuyére et de prise d'air inféricures a leurs

valeurs nominales

- la trainée d'équilibrage des forces int emes

La trafnée externe comprend de méme (fig. 5) :
- la crafnée d'un déviateur de couche-limite & 1'amont de la prise d'air,
- la crafnée de caréne de la prise d'air
- la trafnée additive (la prise d'air étant supposée capt er son débit maximum)

- la trainée de refoulement d'un excédent de débic par la prise d'air, lorsqu'elle ne fonctionne pas 4 son débit maximum

| - des trainées diverses : mits, supports...
| - la tralnée d'arriére-corps (trainée de r etreint, de passages auxiliaires, de culot)

- la trafnée d'interaction.

La tralnée d'interaction représente par conséquent la différence (positive ou négative) entre la poussée nominale corrigée du moteur
et la poussée corrigée de 1'installation motrice, déduction faite des pertes de poussée int eme et des trainées propres des différents
éléments de la motorisation, tous ces termes étant pris au sens corrigé défini plus haut.

La recherche d'un terme d'interaction optimisé est un élément important des études d'installation des moteurs sur les avions. Dans
cette recherche, il faut évidemruent considérer que les différents termes énumérés ne sont pas indépendants entre eux ; A partir d'une
premiére étude de définition, il sera par exemple préférable pour des calculs d'optimisation de choisir comme polaire de référence celle
d'un planeur équipé du fuseau choisi en premiére approximation, afin de mieux découpler les termes de trainée propre et de trainée d'inter-
action. De plus, a'autres éléments int erviennent (poids, encombrement, ...) et tous sont A juger sur I'ensemble de la mission. La démarche

proposée peut néanmoins servir de guide, et orienter les compromis nécessaires. Les aspects plus généravx du probléme sont traités par

exemple en références (2] et [3].

Installation des moteurs des avions subsoniques

Le choix de la configuration générale de I' installation : mot eurs a 1' arri¢re, sur 'aile, ..., repose sur diverses considérations dont
certaines ne sont qu'indirectement liées a l'aérodynamique, comme par exemple le probléme d'équilibrage compte tenu des déplacements
du cent re de gravité sur les avions a grand nombre de passagers, le flottement des structures, le bruit, lc garde au sol, I'accessibilité
des moteurs, etc... quelques unes de ces questions sont exposées par exemple en références [ 4] et [5].

Du point de vue aérodynamique, la régle élémentaire de la loi des aires sert encore souvent de base a la définition de l'installation
des fuseaux- moteurs ([4 4 7]).

Dans le cas de fuseaux moteurs solidaires de la voilure, 1'étude d'une répartition de portance elliptique, compte tenu des fuseaux,
pour obtenir la trainée induite minimale, peut orienter la définition de I'ensemble aile + fuseau [8].

(*) On rectifiera, selon ce schéma, une erreur dans la définition de I'orientation optimale du jet et de Tn dans 'article "Engine
installation aerodynamics" du document AGARD LS 67 "prediction methods for aircraft aerodynamic characteristics (1974)".
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Les grandes lignes de I'installation d=s moteurs étant fixécs, le calcul du champ d'int eraction et de I'écoulement local autour
d'une forme de fuseau moteur donnée permet de relever les zones de fort es survitesses ou de gradients de pression élevées, et, par
des retouches successives, d'optimiser la configuration choisie [9}, [10).

Les méthodes de calcul tridimensionnelles ne permettent encore pratiquement que de traicer 1'écoulement incompressible, ou
1'écoulement compressible par la cransformation de Prandtl-Glauert ; on peut espérer que dans un proche avenir les travaux en cours
permett ront d'étendre ces calculs au transsonique.

La figure 6 de G.N. Bowes {11] montre une étude d'optimisation de la portance compte tenu des fuseaux selon J.L. Lundry [8], et
reproduit un champ de vitesse tracé autour du mt support d'un ensemble aile-mat-nacelle optimisé. La portance latérale du mde, que
traduit ce champ dc vitesse, est une condition qui résulte dv calcul d'optimisation de la trafnée induite, par une distribution conve-
nable de la portance en envergure.

L'étude expérimentale des interactions ent re les fuseaux moteurs et I'avion est effectuée a I'aide de maquettes munies de fuseaux
emotoriséss. Les dispositifs actuels ne permettent généralement pas une représentation simultanée des débits captés et des jets.
Une solution trés approchée consiste a équiper le fuseau d'une soufflante miniaturisée entrainée par une turbine A air comprimé ; dans
ce cas I'écart des coefficients de débit captés entre la maquette et le fuseau réel est peu élevé,

Le systdme de t rompe représenté figure 7 permet également une simulation acceptable des jets ; pour minimiser l'influence d'une
insuffisance du débit capté, on peut, danc ce cas, prévoir d'adapter la section d'entrée et la forme avant du fuseau au débit de la
magquette, de facon A conserver autour du carénage un écoulement sans sur vitesse excessive.

Effet de sol
Un point particulier des études expérimentales d'int eractions concernant les fuseaux subsoniques est celui de I'effet de sol.

Au point fixe, la couche limite au sol induite par 1'aspiration de la prise d'air forme un tourbillon qui dégrade I'écoulement interne
le long du profil inférieur (fig. 8).

Lorsque la couche limite au sol est amplifiée par un vent frontal ou transversal, le tourbillon prend d'abord une importance accrue,
avant d'@tre «soufflés. La distorsion de I'écoulement interne passe ainsi par un maximum, et présente le profil de pression d'arrét
reproduit sur la figure.

Lorsqu'il s'agit du roulement au sol, sans vent,cette couche limite est inexistante, et le tourbillon ne peut se former. La simulation
en soufflerie de 1'effet de sol au décollage nécessite par conséquent la présence d'une paroi sans couche-limite. Ceci est confirmé par
la visualisation de 1'écoulement effectuée au tunnel hydrodynamique avec paroi fixe, et avec paroi mobile (méthode du «tapis roulant»)
(figure B) : le tourbillon disparait dans le second cas. Le méme résultat pourrait sans doute &tre obtenu par un soufflage de la couche-
limite de plancher, méthode plus simple & mettre en ceuvre qu'une paroi mobile.

Au point fixe avec vent, un autre paramdtre que la couche limite au sol A prendre en considération est le gradient horizontal de
vent : ce gradient favorise et intensifie la formacion du tourbillon, dans le sens préférentiel correspondant. La figure 9, selon
D.E. Glenny {12}, montre I'influence du «Nombre de Rossbys», Ro, qui caractérise 'inverse du gradient de vent. L'intensité du tourbillon
est ici repérée par la limit e d'ingestion par I'entrée d'air de billes calibrées posées au sol. La courbe tracée montre que, pour un
débit d'entrée donné, caractérisé par une vitesse V,, le tourbillon n'est soufflé que pour une vitesse de vent V. plus élevée lorsque le

nombre de Rossby diminue, c'est-a-dire lorsque le gradient de vent augmente. Une limite inférieure d'ingestion est indiquée, 2 vitesse de
vent quasi nulle ; elle montre que, dans ce cas, le tour billon formé au sol en l'absence de vent est d'intensité suffisamment réduite pour
qu'il n'y ait plus d'ingestion.

Des résultats théoriques et expérimentaux relatifs a la formation et A I'int ensité du tourbillon sont également reportés référence [13].

Int eractions prises d'air-avion en supersonique

Dans la définition des prises d'air en supersonique se pose en premier lieu, comme en subsonique, le chois. de la configuration
générale de I' avion et de l'installation des moteurs.

Sur les avions de grande dimension, il est ginéralement possible de placer les prises d'air a4 1'intrados des ailes, pour profiter de la
compression pratiquement isent ropique de 1'écoulement par la voilure. Des fuseaux de section rectangulaire, profilés de telle sorte que
leurs faces latérales épousent la forme des lignes de courant d'intrados, présent ent I'intérée de ne pas induire par ces flancs de trafnée
d'onde parasite. Les lignes générales des fuseaux « Concorde» répondent a cette conception (figure 10a). Lorsque les flancs s'écartent
d'une telle orientation, un calcul des t ermes d'interaction entre le fuseau et la voilure peut &tre effectuée par une méthode d'écoulement
supersonique linéarisée pour en optimiser les effets.

Des fuseaux de révolution placés vers la partie arriére, A I'intrados de la voilure, bénéficient d'une compensation entre la détente
locale induite par la courbure de la voilure, et la compression de I'écoulement par le carénage avant du fuseau ; le champ résultant
permet par ailleurs de réduire la trainée induite de I'aile par un effet de portance locale favorable [14]. Le bilan des termes d'interaction
reporté figure 10b d'aprés A. Sigalla et T. 'lallstaff [15] est dans ce cas nettement positif.

Sur les avions militaires, les prises 4'air sont directement tributaires du champ du fuselage avant, qu'elles soient accolées au fuse-
lage pour bénéficier d'une structure bien intégrée et d'une protection en dérapage par le champ local, ou séparées pour former deux
fuseaux distincts, de trainées d'arriére corps plus favorables, Danc chaque cas, la définition du fuselage est alors essentielle par son
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influence sur le fonctionnement des prises d'air aux différentes configurations de vol de 1'avion {16, 17,

Calcul du champ du fuselage

Le colcul par la théorie des caractéristiques semi linéarisées autour d'un écoulement initial Jde révolution ne semble pas suffisant
pour conner u~e description satisfaisante du champ du fuselage lorsquc l'incidence dépasse quelques degrés si 1'on en juge par les
comparaisons reportées figure 11, selon P. Antonatos, L. Surber, D. Stava {17}.

La méthode des caractéristiques en écoulement tridimensionne! est actuellement développée pour traiter ce probléme en fluide

parfait.

La méthode de Babenko,..., [18] permet de calculer par tranches successives I'écoulement derriére une nappe de choc unique ; un
résultat de calcul obtenu par cette méthode & M = 6 sur un fuselage de type ogive-cylindre en incidence est reporté figure 12 a ticre
d'illustration. Le champ calculé sur la partie avant du fuselage est identique au champ réel, comme le montre la colncidence du choc
calculé avec le choc visualisé par la strioscopie. Des difficultés numériques apparaissent plus en aval, en raison des nombres de
Mach trés élevés calculés a la surface du cylindre dans ce cas particulier. L'expérience montre que ces zones localisées de trés
faibles pressions correspondent en réalité a 1'établissement de tourbillons visqueux d'intr.dos.

Une méthode plus élaborée de calcul en fluide visqueux autour d'un corps élancé est illustrée figure 13, selon L. Walier, J. Trulio,
L. King [19]. Les auteurs notent que le calcul, effectué selon les équations de Navier-Stokes , pourrait &tre adapté au cas d'une viscosité
turbulente ; la condition de paroi retenue est une vitesse tangente a la surface, et de composante nulle dans le plan de coupe normal a
I'axe de I'avion. Cette hypothése permet un calcul découplé, par tranches successives.

La méthode permet de faire apparaitre les tourbillons que forme la couche limite d'un fuselage en incidence, 1'effet visqueux trans-
versal étant déterminant dans ce type d'écoulement. Appliquée au cas d'un fuselage avec cockpit (fig. 13) elle donne une bonne représen-
tation de I'écoulement sur b partic avant du fuselage, mais l'interaction du choc de cockpit avec la couche limite, qui est un effet
visqueux longitudinal, ne peut étre prise en compte par le calcul, ce qui expliquerait 1'écart avec |'expérience au voisinage et en aval

de ce choc,

L'ensemble de ces résultats montre que si les méthodes de calcul actuelles permet tent une prévision satisfaisante du champ super-
sonique du fuselage pour diverses configurations élancées, la mise au point de méthodus plus élaborées est nécessaire pour des confi-
gurctions complexes peu profilées, du type fuselage avec cockpit, dont I'énde reste encore exr.érimentale.

Adaptation de la prise d'air au champ local

La configuration générale de la prise d'air et le champ local en amont de I'entrée étant donnés, 1'étude peut se poursuivre par la
recherche d'une adaptation de la prise d'air & ce champ local.

Un exemple de champ moyen d'écoulement devant une entrée d'air placée sous une voilure élancée, en incidence, est présenté
figure 14. L 'intrados se caractérise par une divergence des lignes de courant, et par une réduction 'es nombres de Mach locaux quand on
s'écarte du fuselage vers lc bord d'attaque de l'aile.

Une premiére adaptation consiste a rechercher l'orientation optimale d'une prise d'air donnée, dans ce champ. Dans le cas d'une
prise d'air bidimensionnelle, les essais ont conduit 3 donner A I'entrée un dérapage un peu supérieur au dérapage moyen des lignes de
courant. Ce dérapage accentué permet en effet de comprimer davantage 1'écoulement au nombre de Mach le plus élevé qui attaque le
flanc le plus proche du fuselage ; I'optimum, du point de vue éfficacité et uniformité de I' écculement interne, est atreint lorsque 'on
obtient des nombres de Mach internes 4 peu prés égaux sur chaque flanc. Dans ces conditions, !'entrée d'air offre pratiquement les
mémes performances qu'en écoulement uniforme. Sa sensibilité au dérapage est toutefvisassez différente, et nettement dissymétrique.
Les cemparaisons avec les essais en écoulement uniforme montrent en effet que le comportement d'ensemble de la prise d'air en

dérapage est dominé par 1'écoulement local au droit du flanc dont laface externe est face au vent,

Ce comportement est résumé ci-aprés, sclon une étude plus compléte reportée en référence [20).

Adaptation de la prise d'air au dérapage

Les figures 15a et 15b représentent  I'effet de contournement du flanc latéral observé en dérapage. Le bord d'attaque du
flanc, situé derri¢re la nappe de choc engeidrée par le diedre amont de la prise d'air, est subsonique ; le contournement de ce bord
d'attaque par I'écoulement transversal forme alors un tourbillon attaché, analogue au tourbillon d'intrados d'une aile delta a bords
vifs attaquée en incidence. La nappe tourbillonnaire qui en résulte est évidemment néfast ¢ A 1'écoulement interne.

Comme indiqué sut la figure, une éctancrure du flanc est un moyen simple d'adaptation au champ loczl ; ure telle découpe provoque
en effet une déviation locale des lignes de courant vers I'extéricur du flanc, dans un scns qui s'oppose au dérapage, ce qui permet

d'éviter la formation du tourbillon,

Un second effet du dérapage résulte de I'inclinaison locale plus prononcée de la nappe de choc attachée au diédre amont. Cet effet
sc comprend aisément quand le flanc a une forme d'étrave qui s'avance en amont de 'entrée (fig. 15c¢) : 1'écoulement latéral incident est
dévié suivant la face interne du flanc par une détente supersonique analogue a une détent e de Prandtl-Mcyer, ct les nombres de Mach
prés du flanc sont plus élevés, d'ot un choc attaché au diéd-e amont plus incliné localement. Lorsque le flanc n'est pas débordant
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(bord d'attaque subsonique rectiligne ou échancré), un effet moins élémentaire & concevoir mais de méme sens général se produit
également. Si cette détente provoquée par le dérapage a pour effet de faire pénétrer la nappe de choc a l'intérieur de la caréne, selon
la figurs 15c, il en résulte une interaction forte avec la couche limite interne initiale d'od une dégradation de la pression d'arrée
locale et un épaississement de la couche limite susceptible de conduire & un décollement int erne, Dans le cas d'une prise d'air du
type représenté sur la figure, congue de fagon & permettre un diffuseur subsonique assez court, ce décollement apparait le long de
la caréne au niveau de I'entrée du diffuseur. Une aspiration de la couche limite & ce niveau permet alors d'éviter le décollement,

et contribue & améliorer de fagon trés sensible I'efficacité de 1a prise d'air et la distorsion de I'écoulement interne en dérapage.

Une autre solution consiste 4 découper localement le bord d'attaque de la caréne, de telle sorte qu'il reste en retrait de la nappe
de choc issue du diddre amont, lorsque la prise d'air est en dérapage (fig. 16). Cette solution se révéle efficace, mais elle conduit
a une trafnée additive non négligeable, et A une légére perce d'efficacité, A dérapage nul. Elle est par contre trés avantageuse lorsque
le flanc latéral forme une étrave débordante, car elle permet de dévier hors de la prise d'air le sillage d'un bulbe de décollement de la
couche limite du flanc, au point de convergence des chocs prés du bord d'attaque de ta caréne.

Les résultats d'essai d'une relle prise d'air munie en outre d'une aspiration de la couche limite a 1'entrée du diffuseur subsonique,
sont présentés sut la figure 16, et comparés & une configuration «de références, sans découpe ni aspiration. Le débit d'aspiration est
de I'ordre de 0,5% du débit total ; lenombre de mach M = 2,05 est pratiquement le nombre de Mach d'adaptation de la prise d'air. On
notera |'amélioration obtenue en efficacité et en distorsion ; (la limite de distorsion acceptable pour un moteur est del'ordre de

-DC60 ™ 0, 30).

Ces remarques sur le fonctionnement en dérapage permettent de montrer que des modifications mineures de la configuration dela
prise d'air donnent des différences notables de comportement dans un champ d'écoulement non uniforme, et qu'il est possible d'adapter
la géométrie pour tenir compte de ce champ. Les solutions indiquées présentent 1'avantage d'étre simples, mais d'autres solutions

telle qu'un diddre amont et une rampe de compression supersonique de pentes variables en envergure ont également donné des résvltats
favorables.

Le probléme est qu'on ne sait pas actuellement calculer les configurations d'écoulement du type indiqué figure 15c ; la prévision
de détachement du choc d'entrée, par exemple, qui conditionne le dessin de la caréne, n'est pas encore résolu en bidimensionnel, ni, i
a plus forte raison, en tridimensionnel.

11 faut donc recourir & une étude expérimentale qui n'est pas non plus exempte de difficultés lorsqu'il s'agit de définir des valeurs
sures d'efficacité et de coefficients de distorsion ; vu I'impor tance des effets de couche-limite, les essais doivent étre effectués a
des nombres de Reynolds représentatifs, et avec des maquettes trés précises assurant la conformité des profils de bord d'attaque, par

exemple. L'étude paramétrique nécessaire peut demander de ce fait des moyens importants et de longues périodes d'essais, avec tests
de fidélité et de précision.

Influence externe du fonctionnement de la prise d'air

L'adaptation de la prise d'air & son environnement n'est qu'un aspect des interactions prise d'air-avion. Un autre aspect est celui
de l'influence du fonctionnement de la prise d'air sur 'avion en général.

Cette influence peut résulter de phénomeénes de couplage en lacet par exemple entre les niodes propres de la trajectoire de I'avion
et la ponssée des moteurs, elle méme tributaire du systéme de réglage des prises d'air ; il s'agit alors davantage de problémes
d'intégration des différents systémes de contréle [21].

Un autre cas d'influence, qui est aussi généralement le plus sévére, est celui que représente le décrochage accidentel d'un compres-
seur ; ce décrochage provoque un refoulement de débit qui provoque vers 1'amont une onde de choc intense (¢hammer shocks), Comme le
phénoméne est pratiquement instantané, le choc remonte largement en amont de I'entrée d'air, avant que les dispositifs de décharge
usuels n'aient eu le temps ['‘ntervenir. Le pompage du moteur qui suit ce décrochage est également de grande amplitude. Un dispositif

pour étudier sur une magquette ies effet s de ce pompage est représenté figure 17, selon E. Carter [22], ainsi que des tracés de pressions
mesurées.

§

ky
Le dispositif comporte un papillon toumnant qui ferme alt ernativement le col sonique de sortie du fuseau ; le papillon est monté :’n
sur un axe creux injectant par une fente un contre-débit, dans la phase de fermet ure du col. Cet ensemble permet d'obtenir une méme k:‘,,
évolution des pressions internes qu'en casde pompage d'un moteur, comme ' indiquent les tracés comparés reportés sur la figure. Sur }%
ces tracés relatifs A deux prises d'air bidimensinnnellesplacées cite a cite et séparées par une étrave débordante, on remarquera que le :~§
pompage d'un moteur entraine A 1'instant du second cycle le début du pompage du moteur voisin, alors que dans des cas moins sévéres 5%
(pompage d'une prise d'air sans décrochage du moteur, par exemple) I'étrave permet d'éviter toute interaction. 6‘
Ces phénoménes soumettent 1'avion & des efforts instationnaires importants ; lorsque le choc émerge de 1' entrée et se propage contre 3

le flanc du fuselage ou a I'intrados de la voilure, le décollement de la couche limite pariétale par ce choc conduit & des zones d'interaction g
de grandes surfuces qui peuvent induire des moments considérables [17, 23], La figure 18 illustre le pompage a M=2 d'une prise d'air 2.5

semi circulaire distante de la paroi d'une hauteur de couche limite. Les deux phases extrémes d'un cycle de pompage sont présentées.
Dans la phase de refoulement du débit vers I'amont, ce débit alimente principalerent un décollement de la couche limite de paroi qui
s'étend trés en amont de |'entrée, comme le montre la visualisaiion. Les prises d'air bidimensionnelles dont les rampes de compression
supersonique externe sont accolées A la voilure permettent de limiter ce type d'interaction, du fait que le choc émerge du cdté de la
caréne, 2 I'opposé de la rampe, et par conséquent de la surface de l'aile,
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Pour équilibrer les efforts subis par I'avion en cas de pompage, des dispositifs automatiques d’actions sur les gouvemes ou sur
les moteurs symétriques sont maintenant presque systématiquement installés sur les avions volant a plus de Mach 2{21] ; dans le cas
des prises d'air du Concorde, la solution retenue est par exemple une action sur la gouverne de direction qui s'oppose au dérapage et
au roulis en cas de panne d'un mot eur [24].

Séparation de deux entrées

Un probléme local d'interaction est celui déja mentionné d'une prise d'air sur une prise d'air voisine. Dans le cas de deux fuseaux
moteur s séparés, placés contre une voilure, une ailette verticale fixée sur l'aile entre les moteurs peut permettre d'éviter toute interaction
si 'écartement des moteurs est insuffisant par lui-méme. Cette ailette a pour effet notamment d'arréter 1'extension latérale du décollement
de la couche limite de 1a voilure provoqué par I'émergence du choc J'une entrée en pompage (23],

Lorsqu'il s'agit de deux prises d'air bidimensionnelles accolées, une étrave de séparation convenablement dimensionnée peut assurer
I'indépendance des deux prises d'air dans toutes les conditions, sauf éventuellement dans le cas d'un décrochage accidentel d'un moteur

wu régine manimum en sepersoniyes fleml, rumoe mensiomnd peieddeniient

A I'occasion d'unc: étude d'étraves de ce type, une remarque intéressante a pu étre faite qui rejoint le probléme d'influence d'un

écoulement non uniforme sur la prise d'air et qui est la suivante :

Lorsque 1'écrave débordante est une simple plaque plane, la couche limite qui se forme sur cette plaque et qui est fortement inter-
actionnée par les ondes de choc et les gradients de pression élevés dans la région d'entrée dela prise d'air conduit & une perte sensible
d'efficacité (fig. 19).

Lorsque la cloison forme un diddre qui comprime latéralement 1'écoulement d'entrée, cette compression supersonique supplémentaire
favorise au contraire I'efficacité, et compense I'effet de la couche limite, donnant méme parfois un résultac global plus favorable, comme

'indique la figure 19.

Par ailleurs, en utilisant cet effet de compression latéral, il s'est avéré possible de réduire 1égérement la compression par la rampe,
ainsi que la pente de la cardne qui est associée 2 la déviation de I'écoulement par la rampe, et qui détermine la trafnée ; ceci a été

obtenu tout en conservant la méme efficacité.

Cette orientation vers des formes plus tridimensionnelles permettant d'optimiser la prise d'air dans son bilan efficacité-trafnée
mériterait sans doute d'étre approfondie, malgré le poids d'une étude qui ne peut &tre actuellement qu'en majeur partie expérimentale.

Conclusions

Quelques problémes d'interactions prises d'air-avion et d'optimisation d'une prise d'air dans son environnement aérodynamique ont
été présentés. L'accent a été mis sur |' &ude locale des écoulements int eme et externe 4 I'entrée dela prise 'air, ce qui n'exclut pas
'importance de nombreuses autres questions qui n'ont pu &tre abordées, comme par exemple I'incidence des distorsions internes discutée
en référence [25].

Les exemples présentés font ressortir l'intérét des méthod=s théoriques actuellement développées pour calculer notamment 1'écoule-
ment potentiel du champ proche autour d'un avion transsonique, compte tenu des moteurs,ou encore 1'écoulement autour d'un fuselage
supersonique en incidence, comptr +tenu de la viscosité,

Ces exemples tendent toutefois en méme temps & dégager des problémes particuliers et des orientations nouvelles mettant en jeu des
configurations tridimensionnelles complexes dont la solution théorique ne semble pas devoir &tre prochainement accessible, et qui nécessi-
teront par conséquent la poursuite de recherches expérimentales trés élaborées.
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A CRITERION FOR PREDICTION OF AIRFRAME INTEGRATION EFFECTS
ON INLET STABILITY WITH APPLICATION TO
ADVANCED FIGHTER AIRCRAFT

by

Gordon R. Hall*
Northrop Corporation, Aircraft Division
3901 W. Broadway
Hawthorne, California 90250, USA

SUMMARY

A simple criterion for the prediction of the effccts of aircraft external flow field on installed inlet stability is
presented. Wind tunnel data obtained from model tests of an advanced fighter aircraft are used to provide a base for
discussion of installed inlet instability and to demonstrate the instability criterion. Specifically, two sources of
supersonic inlet instability are identified, the instability mechanism is discussed and an instability criterion is
defined, and application of the criterion 18 demonstrated. The sources of instability include ingestion of separated
fuselage boundary layer at high aircraft attitude and ingestion of a vortex generated by a wing leading edge extension
at negative attitude. A common stability criterion accounting for the effect of freestream Mach number, aircraft
attitude, and Inlet mass flow ratio Is postulated and confirmed by available data. This same criterion is discussed
in relation to observed cases of subsonic inlet instability and inlet instability resulting from slipstream ingestion.
Application of the criterion to evaluate the effects of configuration changes on inlet stability boundaries is demon-
strated.

1. INTRODUCTION

Past theories on the initiating mechanism of inlet buzz have focused upon isolated inlets operating in a uniform
approaching flow field. These theories can generally be categorized as self-excited buzz wherein the disturbing
force is an intrinsic property of the system oscillation and externally-excited buzz wherein the system oscillates in
response to an external disturbing force. Duct resonance theories (e.g., Ref. 1-3) constitute the bulk of the self-
excitation theories. Of the various exiernally-excited initiating mechanisms proposed, shock induced separation on
the inlet compression surface (e.g., Ref. 4) and slipstream ingestion at the inlet cowl causing internal separation
(e.g., Ref. 5) appear to be the most prominent origins of inlet buzz. However, neither of these mechanisms is
either a necessary or a sufficient condition to precipitate inlet buzz. In both cases, the amount of throat blockage,
or throttling effect, produced by the separated layers i{s an important factor in determining buzz initiation, the
throat blockage effect generally leading to the positive slope criterion of pressure recovery with mass flow thought
necessary for the self-regenerative oscillations of the buzz cycle.

In recent years, the requirement for high performance/highly maneuverable aircraft has typically led to close
integracion of the inlet into the airframe in order to minimize aircraft drag and attenuate flow angularity as seen by
the inle! at high aircraft attitudes. As a result, the inlet typically ingests a flow fieid which has generally been
processed by a fuselage forebody and wing. At high aircraft attitudes, the flow field captured by the inlet may be non-
uniform, either due to non-uniform compression of the inviscid stream and/or by thickening of upstream generated
boundary layers which may not be fully contained by boundary layer diversion systems at extreme aircraft attitudes,
Ingestion of regions of depressed oncoming flow by the inlet has recently been observed to cause inlet buzz. However,
documentation and analysis of inlet buzz induced by non-uniform approaching flow fields do not appear to have been
reported in the open literature,

Presented herein is a simple criterion relating inlet buzz to the characteristics of the flow field approaching
the inlet. Predictions of incipient buzz based on the criterion are shown to be in good agreement with test data in
accounting for the effects of inlet Mach number, aircraft attitude, and inlet mass flow ratio. Application of the
criterion could be a valuable link in the configuration development process of future fighter aircraft by providing
early identification of potential problems of inlet instability during preliminary flow field testing, thus allowing
timely modifications in terms of Inlet placement or aircraft configuration geometry upstream of the inlet.

2, MODEL TESTS

Much of the material presented is based on wind tunnel data from a 0.2 scale inlet/airframe model of an
advanced fighter aircraft. This model was tested in the Arnold Engincering Development Center (AEDC) 16T Wind
Tunnel over the Mach range Mo =0 to 1.55 and in the AEDC 16S Wind Tunnel over the Mach range M0 =1.6t02,2,

Figure 1 is a conceptual drawing of the 0.2 scale inlet/airframe model. The major elements of this model
Include a fuselage forebody and two side-mouwated D-shape external compression inlets located in the flow field of the
wing and forebody. Fuselage boundary layer diversion was achieved by both upward and downward deflection of the
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approaching boundary layer. The upward diverted boundary layer was ducted through a slot in the wing leading edge
extension (LEX), The Inlets were fixed geometry with a single 7* comnression ramp, DBoundary layer control at
supersonic Mach numbers was provided by compression ramp surface bleed ups.ream of, and through, the pressure
rise corresponding to the inlet terminal shockwave,

The left inlet of the model was Instrumented for steady state and dynamic performance at the compressor
face. In addition, forward instrumentation was provided for upstiream fiow diagnostics. 'rhe forward instrumenta-
tion included inlet throat static pressure taps and boundary : ‘yer rakes and con:pression ramp static pressure taps.
Inlet flow fleld was measured with total pressure rakes at the compression ramp leading edge of the right inlet.

In addition to data from the 0.2 scale inlet/airframe model, supporting data are provided from component
tests of a 0.2 scale isolated inlet model and an . 07 scale flow field model (without inlets) tested in Northrop's
Supersonic 2 X 2 foot wind tunnel at M, = 2.0. Theee component models were similar in geometry to the correspond-
ing components of the 0.2 scale inlet/airframe model.

3. STABLE OPERATION

Before proceeding with the discussion of inlet instability, it is Instructive to comment briefly on the character-
istica of the flow uver the Inlet when operating in the sia®de mode With suffivlen surface bsad e pompiress lon
ramp shock/boundary layer interaction was weli controlled, resulting in inviscid shock system pressure recovery
and low total pressure distortion at the inlet throat. Nominal surface bleed required to achieve this result was only
about three percent of inlet airflow, This result is particularly significant considering the strength of the terminal
shock (i.e., M~2 normal shock) downstream of the relatively modest oblique leading edge shock produced by the
fixed 7° compression ramp. Successful control of the strong terminal shock boundary layer interaction is attributed
to the rather sophisticated design of the compression ramp boundary layer bleed system,

Without surface bleed, or with reduced surface bleed, massive shock induced separation prevailed above
about M, =1.5. Operation with this massive shock induced separation was found to be stable provided the inlet mass
flow ratio was above a critical level (to be discussed later in more detail).

Figures 2 through 4 compare the characteristics of the flow over the compression ramp at My = 2, 0 with
nominal and reduced surface bleed under conditions of stable operation. The data for these figures were taken from
model tests of the 0,2 scale isolated Inlet model tested at Mgy = 2.0 in the Northrop 2 X 2 foot wind tunnel. These
data were selected because of the avallahility of Schlieren data, which were not obtained with the 0.2 scale inlet/
airframe model. The pressure data, however, are representative of data obtained with the 0.2 scale inlet/airframe
model operating at similar conditions.

Figure 2 clearly shows the stable separated region, and the separation shock assocfated with turning of the
supersonic flow outside of the separated region, when the surface bleed is insufficient to prevent separation. With
nominal surface bleed, no evidence of separation is apparent, although the Mach waves associated with the surface
"'roughness’' presented by the bleed sectiun are observed.

Figure 3 shows the corresponding static pressure distributions along the ramp centerline. For the separated
flow case, the static pressure rise is smeared, increasing to a terminal level about twice that of the upstream level
which, incidently, is in excellent agreement with the separation pressure rise correlations of Reference 6. For the
attached flow case, the pressure rise corresponding to the normal shock is sharp, and the downstream pressure
level is near the ideal value.

Figure 4 shows total pressure contours measured at the inlet throat. For the attached flow case, the total
pressure is essentially uniform at about the ideal level. For the separated flow case, the total pressure is, of
course, highly distorted. The high recovery in the central region reflects compression turning of the outer flow by
the separated region (Figure 2) with an associated reduction in the strength of the terminal shock. Near the cowl,
the flow is unaffected by the separation on the ramp, and the total pressure level in this region is similar to that for
the attached case. Although the total pressure distortion at the inlet throat is extremely high, it is of interest to note
that the average pressure recovery measured at the compressor face for the separated case is only about five per-
cent lower than for the aitached case. However, the measured turbulence levels were amplified several times. It
is also of interest to note that high static pressure gradients exist across the inlet throat for the separated case in
that the outboard region corresponds to the ideal static pressure behind the normal shock (P/PTOzO. 6), while the
compression ramp static pressures as seen in Figure 3 arc at a level of P/Ppqg=. 36.

4. STABILITY BOUNDARIES

During tests of the 0.2 scale inlet/airframe model in the AEDC 168 wind tunnel (Mg =1.6to 2.2), certain
phenomena causing inlet buzz* were identified. These phenomena, while changing in intensity and thus affectir ; the

*Inlet buzz was detected by monitoring the instantaneous space average compressor face total pressure on an
oscilloscope. Buzz was typically characterized by a rather sudden onset of high amplitude discrete frequency
pressure oscillations which occurred during a continuous change in inlet operating conditions. Superimposed
on the discrete frequency pressure oscillations was a lower amplitude broadband turbulence.



inciplent conditions of angle of attack (o), angle of sideslip (), and inlet mass flow ratio under which inlet buzz
occurred, did not change in their fundamental characteristics over the Mach range. As a result, the discussion
which follows generally applies over the Mach range investigated, although selected Mach numbers are used to
illustrate the various points of discussion.

Figures 5 and 6 show inlet stability boundaries measured at Mg = 2. 0, Inlet attitude capability (Figure 5)
was found to be limited by two separately identifiable boundaries. These two boundaries were found to correspond
to: (1) separation of the fuselage boundary layer ahead of the inlet at high angle of attack caused by impingement
of the LEX shock on the boundary layer; and (2) a vortex generated by the LEX at negative lift conditions correspond-
ing to negative angle of attack. Ingestion of viscous flow by the inlet was common to each of the destabillzing
phenomena. Due to the magnitude of the viscous region ingested (and the location in the case of the wing glove
vnrtex), variation in compression ramp boundary layer bleed was found to have negligible effect upon the stability
boundaries,

The stability boundaries of Figure 5§ correspond to maximum power airflow. Shown in Figure 6 is the effect
of mass flow ratio (MFR) on inlet stability. In the primary a maneuvering range, the stability limit was found to be
essentlally constant, with good stability margin exhibited with respect to maximum power and idle airflow levels.
Within this same ra:nge of a, the inlet capture streamtube was found to be virtually void of significant visc ous flow.

The lower limit of stable MFR in the primary a maneuvering range was found to be governed by the forward
extent of the compression surface bleed section; change in the forward extent of the bleed section was found to pro-
vide a lower stable MFR in a 1:1 relationship between the shift in forward extent of the bleed region and shift in the
shock position with MFR. That is, inlet buzz was encountered under the condition of insufficient boundary layer
bleed upstream of the terminal shock (thus fixing the forward most stable position of the terminal shock with respect
to the leading edge of the bleed section), rather than by any inherent destabilization mechanism arising from the
geometric relationship of shock position with respect to the inlet surfaces and inlet face. The critical amount of
upstream bleed was found to be about one percent of the inlet flow, which corresponded to removal of somewhat less
than the entire boundary layer.

It is of interest to note that, while insufficient compression surface bleed at low MFR led to inlet buzz,
insufficient bleed at high MFR produced a stable shock induced separated region as discussed earlier (Figure 2).
This difference is attributed to the increased throat blockage caused by the separated layer at lower MFR., That
is, as the MFR is reduced, the separation origin moves upstream on the ramp and the separation thickness at the
inlet throat increases, eventually reaching a critical value sufficient to tnitiate inlet buzz. This s illustrated
schematically in Figure 7. Throat blockage greater than the critical value apparently corresponds to the positive
slope criterion of pressure recovery with MFR thought necessary for the self-regenerative oscillations of the buzz
cycle (e.g., Ref. 4), The difference in stability characteristics at high and low MFR is not due to slipstream
ingestion at the outer cow! at low MFR (which is a well documented source of inlet buzz): based on Schlieren data
from the 0.2 scale isolated inlet model tests, the slipstream generated by the intersection of the compression ramp
leading edge shock with the terminal shock was not ingested by the inlet at any MFR.

At the a extremes of Figure 6, the viscous inlet flow field effects identified previously come into play. When
these effects are prevalent, the stable angle of attack boundaries increase with increasing MFR, The re¢ason for
this is that the inlet throat static pressure decreases with increasing mass flow ratio, thus allowing the inlet to
accept greater depressions in the external inlet flow field without destabilization. This statement will be elaborated
upon in a later discussion of the destabilizing mechanism associated with depressions in the inlet flow field.

5. APPROACHING FLOW FIELD

Figure 8 shows the inlet total pressure field (corrected for shock loss) measured at the leading edge of the
compression ramp for /8 conditions corresponding to the stable region and two buzz regions of Figure 5. Figure
8a shows a typical low attitude inlet flow field within the stable operating region of the inlet. The flow is well
behaved and characterized by a fuselage boundary layer which is confined to the boundary layer diversion region
hetween the fuselage and the compression ramp. The remainder of the flow field (i.e., inlet capture streamtube)
is essentially uniform at freestream tctal pressure,

In contrast, Figures 8b and 8c show inlet flow field conditions corresponding to the two previously disc'-sed
regions of inlet buzz of Figure 5. These flow fields are characterized by relatively large regions of viscous flow
(i.e., regions of high gradients in total pressure) which lie within the inlet capture streamtube. Although both of
the flow fields of Figures 8b and 8c originate from different upstream phenomena, commonality exists in that both
have a reduced total pressure region within the inlet capture streamtube and both resulted in inlet buzz, The
association of reduced upstream total pressure with inlet instability is considered further in Figure 9.

6. INSTABILITY CRITERION

Figure 9 presents an inlet instability criterion that is related to the deficit in total pressure of the upstream
flow field intercepted by the inlet. A typical static pressure distribution along the ramp of an external compression
inlet is shown in Figure 9a. The function of the compression ramp I8 to reduce the velocity of the approaching
supersonic flow to subsonic flow at the inlet cowl. This is accomplished through conversion of kinetic energy to
pressure head, typically by the flow traversing through a series of oblique shock waves to reduce the supersonic
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*fach number, and finally through a normal shockwave located a short distance upstream of the inlet cowl which
reduces the flow velocity to a subsonic level. If one considers a streamtube of depressed upstream total pressure,
it may be urgued that if the total pressure of the depressed streamtube, less any shock losses encountered in the
overall compression process, is not greater than the downstrea:n static pressure as established by the bulk of the
upstream flow at an undepressed level of upsiream total pressuie, then the depressed streamtube will be unable to
negotiate the compreasion pressure rise without flow reversal and assoclated throat blockage and, hence, inlet
Instability may occur. The above criterion neglects the effect of viscosity which would have a favorable effect in
accelerating the depressed streamtube along the length of the compression ramp through the action of fluld shear,
This effect would be expected to prevail even very close to the wall, assuming compression ramp bleed removes

the local boundary layer.

The hmportaiee of viseoas effeels on U proposed lostabllity eriterion of Figere 9 would be expeeted to
small within the external region of a typical supersonic inle.. That is, the work done on an element of fluid due to
the rapid rise in static pressure along the ramp is typically large compared to the work done on an element of fluid
4ue to fluid shear over that same distance. For example, using the geometry and flow conditions of the inlet des-
cribed hereln, and assuming the locally depressed flow field exhibits diffusion characteristics of an axisymmetric
turbulent wake, it may be shown that the integral accelerating effect on the depressed streamtube due to fluid shear
along the length of the compression ramp is less than ten percent of the integral decelerating effect due to pressure
forces over the same length.* Furthermore, it is noted that this viscous effect could be accounted for if one were to
define the inlet flow field reference plane at the inlet face rather than at the compression ramp leading edge.
Typically, however, Inlet flow field measurements have been, in the past, referenced to the compression ramp
leading edge plane rather than to the inlet face plane, thus providing measurements of the flow field to be processed

by the inlet.

Considering the foregoing, one would expect the proposed inviscid criterion to give reasonably good results
in predicting inlet instability caused by total pressure depressions in the oncoming flow field. If so, early identifica-
tion of potential problems of inlet instability could be obtained during preliminary flow field testing of a new aircraft
configuration, and timely modifications in terms of inlet placement or configuration geometry upstream of the inlet
could be made.

7. COMPARISON TO TEST DATA

Figure 10 shows comparison of measured stability boundaries and stability boundaries predicted by the
upstream total/downstream static pressure criterfon. of Figure 9 at Mo = 1.6 and Mg = 2,0, The prediction method
predicts the effect of model attitude on inlet stabi. 'ty .juite well, Loth in the high angle of attack and negative angle of
attack regions. It is recalled from Figure 8 that the high a condition corresponds to viscous flow over the com-
pression ramp and negative « corresponds to a vortex entering the inlet from the upper outboard region. It is
particularly significant that the single pressure criterion of Figure 9 works equally well in predicting the effect of
these separate phenomena., As mentioned previously, neglect of viscous effects give a conservative estimation of the
stubility boundaries in neglecting the increase in total pressure of the depressed streamtubes in the streamwise
direction. Another conservative factor is the requirement for a critical amount of throat blockage required to
initiate inlet buzz. This factor is thought to be small, however, in that the area occupied by the depressed streamtube
grows rapidly as the stagnation condition is approached.

Figure 11 shows additional comparisons of measured and predicted stability boundaries by bringing in the
effect of MFR. That is, a3 the MFR is Increased, the value of the downstream static pressure P2 drops, which
means that a lower level of incoming total pressure Ppo (and hence higher value of «) can be accepted by the inlet
without instability. This is illustrated schematically in Figure 12, which also serves to illustrate the construction
method of the predicted boundaries of Figure 11. As can be seen in Figure 11, the prediction method predicts the
effect of MFR quite well, again both in the high @ and negative a range. It ir noted that, although measured values of
Py were used for the foregoing comparisons, P2 can be easily estimated wiinin a few percent. Thus, the estimated
stability boundaries would be virtually unchanged had only the external flow field been measured.

Figure 13 shows measured and predicted stability boundaries over the Mach range investigated in the AEDC
16S Wind Tunnel. The prediction method is seen to hold over the Mach range investigated, again both in the high o
and negative a range.

In summary, the proposed inviscid criterion for prediction of inlet instability due to depressions in the
oncoming flow field has been found to be in good agreement with measured supersonic inlet instability. This method
has been demonstrated for two separate destabilizing phenomena and accounts for the effects of freestream Mach
number, alrcraft attitude, and inlet mass flow ratio. In neglecting viscous effects and the requirement for critical
throat blockage, the method predicts stability boundaries which are slightly conservative,

*Similar estimates of the ratin of fluid shear to pressure effects within the subsonic diffuser provide the rationale
for selection of the inlet thro:t as the reference downstream plane for the instability criterion as opposed to, say,
the engine compressor face plane. That is, although the static pressure continues to rise along the length of the
subsonic diffuser, it may be shown that the integral effect of fluid shear forces is of the same order as the integral
effect of pressure forces within the diffuser: thus, deceleration of the depressed streamtube within the diffuser by
pressure rise is roughly countered by acceleration due to fluid shear,
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8. LOW MACH INSTABILITY

Thus far, discussions of inlet stability have focused upon tests of the 0.2 scale inlet/airframe model in the
AEDC 168 Wind Tunnel over the Mach range 1.6 to 2.2, It is of interest to note that inlet instablility was also
encountered under some conditions at transonic, and even lower, Mach numbers during tests of the model in the AENC
16T Wind Tunnel over the Mach range 0 to 1.4, Specifically, inlet '"buzz' was encountered at a few extreme condl-
tions of high model attitude in combination with low inlet MFR (i.e., MFR typically less than engine idle airflow)
down to a Mach number as low as Mg = .55.

Inlet buzz was detected by monitoring the instantaneous space average compressor face total pressure on
an oscilloscope during a continuous decrease in inlet MFR, In addition, data were obtained simultaneously on mag-
netlc tape, The onset of low Mach buzz was characterized by a relatively gradual build-up in amplitude with reduc-
tion in MFR, as opposed to the rather sudden onset of high amplitude buzz characteristic of supersonic operation,
However, the wave form of the low Mach buzz was similar to that of the supersonic buzz In exhibiting high amplitude
discrete frequency pressure oscillations of nearly constant amplitude, but without superposition of broadband
turbulence typical of the supersonic buzz wave form,

A typical example of low Mach buzz is shown in Figure 14. Peak-to-peak pressure oscillations are about
twenty percent of the freestream total pressure, with the positive peaks exceeding frrestream total pressure. The
frequency of the pressure oscillations is about 68 hz which is in excellent agreement with the theoretical open/closed*
organ plpe frequency of the inlet duct calculated at 70 hz, Further, the pressure oscillations across the duct were
found to be in phase as evidenced by comparing the instantaneous compressor face average total pressure to selected
instantaneous measurements of individual compressor face pressures.

Although stability boundaries comparable to those defined supersonically were not measured at the lower
Mach numbers, it is noted that the few isolated points detected were limited to low values of MFR ratio in combina-
tion with high model attitudes wherein fuselage boundary layer thickening was not contained between the inlet ramp
and fuselage, but instead spilled over the inlet ramp as described previously at supersonic conditions. Due to the
high angularity of the local flow at these conditions, the inlet flow field ra.es were not considered ac.urate as
evidenced by the less than 100 percent measured recovery in regions of the flow field known not to be influenced by
upstream viscous effects (typically these regions were measured at about 95 percent recovery). liowever, in
adjusting the measured levels of the inlet flow field to remove the effects of angularity, it appeared that, within the
various tolerances involved, the instability criterion applied succeasfully to the supersonic tests was also applicable
at the lower Mach numbers, That is, buzz occurred at lower Mach numbers when the inlet throat static pressure
was Increased (by reduction of MFR) to a level about equal to the minimum total pressure of the depressed region of
flow field Intercepted by the inlet. The observed gradual build-up in the subsonic buzz amplitude with decreasing
MFR discussed earlier is attributed to the relatively low slope of inlet throat static pressure with MFR at low
values of MFR where buzz was encountered.

Throat blockage, due to stagnation of the depressed external flow field, and associated positive slope of
recovery with mass flow, is thought to play the same role in precipitating buzz at subsonic and supersonic freestream
Mach numbers. The primary difference between the subsonic and supersonic Mach buzz is the coupling of the exter-
nal shock system into the inlet system oscillation, which introduces broadband turbulence (generated by shock
induced boundary layer separation) superimposed upon the duct resonance frequency.

9, SLIPSTREAM INGESTION

The foregoing discussions have linked the precipitation of inlet buzz to total pressure deficits in the
approaching external flow field. For this class of disturbances, a simple flow field criterion which predicts
supersonic inlet buzz has been described and confirmed by available wind tunnel data. The criterion accounts for
the effects of freestream Mach number, aircraft attitude, and inlet mass flow ratio. The same criterion, although
not comprehensibly demonstrated at subsonic Mach numbers, appears to be consistent with observed instances of
inlet buzz encountered at subsonic Mach numbers, Due to the fundamental nature of the criterion, it is suggested
that it may also govern the initiation of inlet buzz arising from sources other than non-uniform approaching external
flow fields,

For example, consgider the well documented evidence of inlet buzz caused by ingestion of a slipstream at
the outer cowl of an inlet (Ref. 5 is a classical example). Slipstream ingestion typically occurs at reduced mass
flow ratio and/or angle of attack when the compression surface oblique shock system intersects the terminal shock
within the projected area of the inlet cowl. Although slipstream ingestion has been a common source of inlet buzz,
it is neither a necessary nor sufficient condition to precipitate buzz. In pursuing this point, it is suggested that it is
not the slipstream, per se, that is the cause of the inlet buzz, but rather the variation in total pressure of the flow
downstream of the slipstream origin (triple shock point) combined with external subsonic diffusion between the triple
point and the inlet face, This concept is discussed further in the paragraphs which follow.

Figure 15 shows a sequence of four Schlieren photographs, two of which clearly show slipstream ingestion
without inle{ instability. These data were obtained with the 0.2 scale isolated inlet model tested in the Northrop
2 X 2 foot wind tunnel at M, = 2. 0. As noted in earlier discussion, the slipstream generated by the intersection of

et

*An open/closed duct was assumed for analysis since at the very low MFR's where buzz occurred, the downstream
end of the duct is nearly closed.
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the compresaion ramp leading edge shock with the terminal shock was not ingested by the Inlet at any MFR with the
inlet at the nominal angle of attack of zero degrees. Therefore, at zero degrees angle of attack, no information
velating to the effect of slipatream ingestion on inlet etability was obtained. However, for selected tests, the inlet
compression ramp was turned into the flow 5° (Identified as 8 = 5° in Figure 15). With this model orientation, the
slipstream was ingested by the inlet at lower values of MFR as neen in Figure 15. At the highest MFR, the slip-
stream appears to be nearly at the inlet cowl and the inlet flow is stable. At the two intermediate MFR's, the slip-
stream Is clearly ingested by the Inlet, but the inlet flow remains stable. Only at the lowest MFR did the slipstream
ingestion precipitate inlet buzz,

Figure 16 shows elements of the flow field in the vicinity of the triple shock point. Although the flow
field at the triple point is very complicated due to shock curvature arising from the downstream influence of the
subsonic Tlow, the flow a short distance above and helow the triple point may be treated by plane wave shock rela-
tions, In applying plane wave shock relations, the total pressure loss above the triple point is greater than that
below the triple point (P A < Prp) due to the higher incoming Mach number above thz triple point, Within a short
distance downatream of the triple point, transverse static pressure balance is achieved and, due to the lower total
pressw.e above the triple point, the velocity of the flow above the triple point is lower than that below the triple
point. During the subsonic diffusion process between the triple point and the inlet throat, the static pressure rire
reduces the velocity of the flow above the triple point more than it reduces the velocity of the flow below the triple
point, thus compounding the initial upstream velocity differential. With sufficient total pressure differential and
subsonic diffusion, stagnation of the flow above the triple point will occur, resulting in throat blockage and potential
inlet instability.

Figure 17 shows internal total pressure profiles in the region of the outboard cowl (measured at the inlet
throat) for each of the MFR conditions of Figure 15. For reference, the ideal total pressures* above and below the
triple point immediately downstream of the terminal shock are indicated. At the highest MFR, the slipstream
apparently has not entered the inlet as evidenced by the uniform recovery at a level about equal to the ideal level
below the triple point. At the two intermediate MFR's, there is a region of reduced total pressure fiow near the
wall where the preasures closely coincide with the ideal total pressure above the triple point, while the total
pressure of the flow farther from the wall corresponds closely to the ideal total pressure below the triple point.
The two regions are joined by a shear layer which represents the slipstream after viscous diiffusion between the
triple point and the inlet throat. At the lowest MFR, the inlet is In buzz, and the total pressure profile reflects a
time average of this buzz which extends beyond the end of the pressure rake.

It is noted that the wall static pressures have increased to a level nearly equal to the region of reduced
total pressure at the two intermediate MFR's. This increase in static pressure reflects the increase in external
subsonic diffusion with decreasing MFR, Although the wall static pressures are at about the same level as the
region of reduced total pressure, the region is not considered to be one of boundary layer separation. Rather, this
region reflects the reduced external total pressure and external subsonic diffusion which combine to stagnate the
incoming flow. There is not significant internal static pressure gradient in this region to produce a boundary layer
separation. On the other hand, the reduced external total pressure/subsonic diffusion is an expected result, with
good quantitative agreement between the measured and predicted pressure recovery in this region.

The requirement for finite throat blockage produced by the stagnated flow prior to initiation of inlet buzz
is evident in Figure 17, Specifically, at the MFR immediately prior to inlet buzz, the flow above the triple point
has stagnated and probably reversed (indicated by total pressure levels less than wall static pressure), but the inlet
flow remains stable. It is not until a critical blockage occurs that inlet buzz is encountered.

In summary, the same [nlet instability criterion applied successfully in predicting inlet buzz caused by
total pressur- deficits in the approaching external flow field would appear to be an appropriate criterion for deter-
mination of the critical strength of an ingested slipstream required to precipitate inlet buzz, although additional
comparisons to experimental data are desirable. At this point, it is of interest to note that the sunject criterion
appears to govern precipitation of inlet buzz caused by non-uniform flow fields from extremely different origins.
Specifically, the slipstream generated non-uniform flow field originates from inviscid flow through shockwaves of
different strengths, the low Mach externally generated non-uniform flow field originates from upstream subsonic
viscous flows, and the supersonic externally generated non-uniform flow field originates predominately from
upstream supersonic viscous flows,

10. APPLICATION OF THE CRITERION

Based upon the measurements of inlet stability from the first test of the 0.2 scale inlet/airframe model
in AEDC 16S Wind Tunnel, various modifications to the configuration were investigated to extend the high angle of
attack stability boundary at supersonic Mach numbers. No parallel attempt was made to extend the negative angle
of attack boundary created by ingestion of the LEX vortex since the original boundary was not restrictive with
respect to the desired a, g operating envelope. These modifications were evaluated, using an . 07 scale flow field
mode! tested at My = 2,0 In Northrop's 2 X 2 foot Supersonic Wind Tunnel, This model was tested without an

*Ideal total pressures were calculated based on plane wave shock relations and accounting for downstream flow
direction as indicated by the initial angle of the slipstream.
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inlet, * and all evaluations were based upon irlet flow field measurements, forebody static pressure measurements,
and oll flow visualization. A modified configuration which evolved from these tests was later confirmed in a second
test of the 0,2 scale inlet/airframe model in the AEDC 16T Wind Tunnel, in which inlet stability boundaries were
measured,

The effects of a sample modification to the configuration are shown In Figures 18 and 19. Flgure 18
shov'a the effect of a modification to the slot In the LEX on inlet flow field, The effect of the slot modification was
to reduce the static pressure rise caused by impingement of the LEX shockwave on the fuselage and provide &
pressure relief region through the LEX for tha forebody boundary layer to flow, As can be seen in Figure 18, the
region of adverse viscous flow interceptud by the inlet is reduced considerably with the modified slot.

Figure 19 shows the measured extension of the high angle of attack stability boundary corresponding to
the modified slot in the LEX. Since the modified configuration was teated only in the AEDC 16T Wind Tunnel,
maximum test Mach number was slightly less than Mo = 1.6, Thus, the comparison of Figure 19 is made at M, =1. 6,
rather than at My = 2.0 where the . 07 acale model flow field measurements were made. At Mg = 1.6, however, the
desired Increase In stability boundary was achieved, thus demonstrating the validity of the stability criterion as a
useful tool for extending the stability boundary a specified amount. Further, due to the excellent agreement of the
predicted and measured extension of the stability boundary at My = 1. 6, it was concluded that previously planned
confirmation tests with the modified configuration in the AEDC 168 Wind Tunnel at Mach numbers in excess of
Mg = 1.6 were not required. -

11. CONCLUSIONS ’

1. Supersonic inlet buzz was found to be caused by ingestion of upstream generated viscous flows. The
destabilizing viscous flows included separated fuselage boundary layer at high aircraft attitude and a vortex gunerated
by a wing leading edge extension at negative attitude. Increasing Inlet mass flow ratio was found to extend the atti-
tude for stable inlet operation,

2. Inthe range of aircraft attitude where the external flow field was free of viscous flow, good inlet
stability margin with respect to maximum and idle power airflows waa exhibited over the Mach range investigated.
In this range of attitudes, the lower limit of stable mass flow ratio was found to be essentially constant, with the
level governed by the forward extent of the compression surface bleed section.

3. Within the stable region of operation, the compression surface shock/boundary layer interaction was
well controlled for normal shock Mach numbers as high as 2, 0 using about three percent of inlet airflow. Without
surface bleed, massive shock Induced separation prevailed above freestream Mach numbers of about 1.5. However,
inlet operation with the shock Induced separation was stable provided the mass flow ratio was above a critical level.

4. A simple stability criterion which relates inlet buzz to characteristics of the flow field approaching
the inlet was postulated, Predictions of inlet buzz based on the criterion were found to be in good agreement with
available test data in accounting for the effects of freestream Mach number, aircraft attitude, and inlet mass flow
ratio. The criterion states that if the total pressure of a streamtube Intercepted by the inlet, less any shock losses
encountered in the compression process, is not greater than the downstream static pressure, then flow reversal
and assocliated inlet instability may occur.

5. Inlet buzz was encountered at a few extreme conditions of high model attitude in combination with low
inlet mass flow ratio (less than engine idle airflow) at subsonic Mach numbers. The wave form of the subsonic buzz
was similar to that of the supersonic buzz in exhibiting high amplitude discrete frequency pressure osclllations which
corresponded to the duct resonance frequency. The same stability criterion applied successfully in predicting buzz
at supersonic Mach numbers was found to be consistent with the observed instances of buzz at subsonic Mach numbers.

8. For selected tests, the effect ¢ slipstream ingestion on inlet stability was studied. Although slipstream
ingestion precipitated inlet buzz at some condy’ inr., slipstream ingestion of itself was not a sufficient condition
to precipitate buzz. The same stability criterion applied successfully in predicting buzz caused by total pressure
depressions in the approaching external flow field, when applied locally to the region of flow between the slipstream
origin and inlet face, would appear to be an appropriate criterion for determination of the critical strength of an
ingested slipstream required to precipitate buzz.

7. Application of the stability criterion was demonstrated in the proceas of extending the inlet stability
boundaries a specified amount based on flow field measurements. Future application of the criterion could be a
valuable link in the configuration development process of fighter aircraft by providing early identification of
potential problems of inlet instability during preliminary flow fleld teating, thus allowing timely modifications in
terms of Inlet placement or alreraft configuration geometry upstream of the inlet.

*Although this model had an inlet which could be Installed, it was not designed for supersonic operation due to lack
A eompression Famp boendary layer sontrol.
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SUMMARY

This paper describes the technique in current use at the Aircraft Research Association for the
measurement of the transonic spillage drag of a two dimensional, ramp intake. The method requires the
calibration of the intake duct aystem for both mass flow and exit momentum. The technique is equally
applicable to supersonic testing.  The achieved repeatability of the measurements allows intake
configuration differentiation to =-1% in aircraft drag for a typical supersonic fighter aircraft at high
subsonic speed. Theoretically based calculatiof® show satisfactory agreement with the measurements both
for a range of intake mass flow and for intake ramp angle changes. The technique is economic and
suitable for routine testing. General comment is made on the merits of three methods available for the
measurement of spillage drag using the balance mounted, whole model technique, together with
recommendations for further technique development.

NOTATION
Ao Freestream area of captured flow
Al Intake reference area
At Intake throat area
Ao/Al Area ratio equal to the mass flow ratio
CD Drag coefficient on total intake reference area (2Al f?r tvin duct
side intakes)
CDISMOM Momentum discharge coefficient
CDISV Venturi mass flow discharge coefficient
D Drag
Fg Gross thrust
Fn Net thrust
H/P Total pressure/static pressure
mVo Freestream momentum of the captured flow
mve+Ae(Pe - Po) Exit momentum + pressure term
th+At(Pt = Po) Throat momentum + pressure term
(PU - PT)/PU Venturi upstream - throat pressure/upstream pressure
xaft Axial force on the afterbody
Xb " ' " " balance
al
xm“e " g " " hage
X o L " " cowl
cowl
xduct " " " " duct
xext " " " " external surfaces except afterbody
xint " " as defined in figure 3
xpe " "  on the pre-entry stream tube
Xr " " " " ramp
] Throat flow inclination to freestream
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1.  INTRODUCTION

Intakes designed for supersonic operation
generally have sharp lips. When such an intake is
operated st transonic speeds, the flow losses
associated with the sharp lips can cause large drag
penalties if the engine flows required at such
speeds mean operation of the intake at flow ratios
less than maximum. Such drag penalties are called
spillage drag and some typical curves are shown in
figure 1. For example the spillage drag slope of
a sharp lipped, supersonic intake might typically
be AC_/A(Ao/Al) = -0.7. This value is between 10
and 100 times greater than that of a good,
axisymmetric, subsonic cow.l, depending on the point
of comparison. Thus the measurement of intake
spillage drag is important for the estimation of
aircraft performance for aircraft using sharp
lipped intakes,

The steep drag slopes associated with sharp
lipped intakes indicate very dirty external flows.
The size of the values is typically of the same
order as the drag of - flat plate normal to the
airflow, Typical loss making features could be
separations, vortices, or shocks. All these
features should show in surface oil flow
visualisation.

The importance of tests in a wind tunnel for
intake spillage drag, or indeed for aircraft drag,
can be further empharised. The validity of current
empirical correlations, employed by the performance
groups of industry, is questionable when applied to
the development of new configurations, by reason of
the novel features of the configuration. The use
of wind tunnel tests for such new configurations
is less likely to miss the effects of the newness
of the configuration on the aircraft drag. In such
circumstances, the practical wind tunnel engineer
would consider that a properly thought out series
of models and tests, would estimate the projected
aircraft drag to a considerably better confidence
value than correlative data based on past
configurations.

DRAG

PRE — ENTRY FORCE

SHARP LIPPED
SUPERSONK
INTAKE

AXISYMMETRIC
SUBSONIC INTAKE

MASS FLOW RATIO

FIG.I TYPICAL SUBSONIC SPILLAGE DRAG CURVES

This paper describes the principles and methods used at the Aircraft Research Association for the
measurement of the spillage drag of a two-dimensional, ramp type intake, Particular attention is given
to the calibration and validation of the results, together with recommendations for further technique

development,

2.  PRINCIPLES

mVq o Ag(Pq - Po)

:IZEZEZx AV ALY VNN

auaRuE=—_

NET FORCE FOR ACCELERATION/CLIMB = mVg + A {Pq = Po) = mVg = Xgxt ~ Xatt = Xpe

F'- mVo-(X.,,g ox”ngﬂ)

= Fa=0

THRUST - DRAG

FIG. 2. AIRCRAFT THRUST - DRAG

Figure 2 shows a simplified balance of the principal forces acting on an engine nacelle.

Drag is

measured on the aeroforce model fer which the intake and exit flow conditions are measured. It is then
adjusted to the correct intake flow using spillage drag test results and to the correct exit flow
conditions using afterbody plus jet drag test results.



For a detailed balance of the forces involved, references 1 and 2 should be consulted. For the
procedures an¢ techniques suitable for the detailed balance, references 3 and 4 are available.
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MODEL, Xpal = Xext * Xguct * Xbase * X¢

MmVg o A.( ’.-’o)
———————
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STRUAMTUBE, mVy « Ag(Pq-Po) = mVp « Xpg~ Xgyct= Xr
OE'NE, xlm H mV,-(mV.oA.(P.- Po))

THEN REQUIRED DRAG, l.' -x" = Xpal = Xduct = Xpase = X¢ o(xdm o Xp= x‘m)
= Xpal - Xpase = Xint

FIG. 3. BASIC EQUATIONS FOR SPILLAGE DRAG MODEL TESTING ON RAMP INTAKES

Figure 3 gives the equations applicable to the measurement of intake spillage drag. Here the
equations are derived for the zero incidence case with a square ended exit flow in the freestream
direction. More general equations are available in reference 4 and 5. Generally as the intake is

throttled (for Ao < At) the increase of xpe is wholly or partially offset by a reduction in Xext due

to thrust forces being developed on the cowl (subsonic flow). The change of (Xext + X e) as the intake
is throttled from some datum flow is called the spillage drag. P

3. MODEL AND INSTRUMENTATION

The method uses the balance mounted, whole model approach with non-metric mass flow control., The
technique and model layout is based on that described in reference 6., Figure 4 shows the model in

schematic form.
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CONICAL
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—_— 5

FIG. &. MODEL INSTRUMENTATION
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Twin side intakes and internal ducts are representative to the engine face. Aft of the engine face
the duct was expanded slightly to suit a requirement for a subsonic test Mach number of 0.6 with full
intake flow., Externally the fuselage was representative to about 3 intake heights downstream of the
cowl lip plane and then blended into a constant section, parallel sided afterbody. The base was flat but
carried thin flanges on the internal and external edges to promote clean flow separation. Stub wings
were fitted as these might act as forward facing surfaces for the possible recovery of spill thrust
rather than to give the correct upwash flowfield at the intake. The whole model was carried on a
standard Aircraft Research Association 3" balance
which was fitted into a massive, I section sting -
see figure 5. The I ser' -n of the sting was
convenient since considerable strength was required
for che large normal force loads on the model yet
the internal ducts of this particular model gave
little space between the ducts at the engine face
position. Thus the ducts fitted on either side
of the I section. Aft of the engine face, where
it was necessary to increase the duct diameter,
the ducts were taken away from the model
centreline using a short S bend.

The model carries comprehensive intake
instrumentation. The starboard duct is used for
intake performance and stability and the port duct
for turbulence. Both ducts are of course
instrumented for mass flow and exit momentum, It
is important to measure engine face performance in
the context of spillage drag since intake
modifications that are aimed at reducing drag might
affect engine face recovery or mass flow. Since
ultimately thrust minus drag is of overall concern,
both engine face performance and intake drag are FIG. 5. STING ASSEMBLY
necessary measurements.

Figure 6 is a view of the ducts and
instrumentation. The starboard duct has a rotatable, &
two position, 12 arm pitot rake at the engine face
plane for the measurement of pressure recovery and
steady state distortion. Mass flow was measured
in calibrated venturis. The exit statics for the
measurement of exit momentum are downstream of the
venturis in a constant diameter exit tube. Mass
flow is controlled by an earthed, 60 conical plug
throttle with linear position actuation and
indication - see figure 7. The base is
comprehensively pressure plotted to allow for the
effects of changing base pressure as the throttles
are driven. The model incorporates bleed ducts
which carry venturis and exit statics for the
measurement of bleed flow and momentum. The bleed
flows are controlled by fixed area exit nozzles,
the exit statics being at the nozzle throat.

Extensive surface pressure plotting on the
intake ramps and cowls was necessary for the
diagnosis of the drag results.

Figure 6 shows the model instrumentation when
the bottom 'tray' of the model fuselage is removed.
Direct access is available to the scanivalves used
for pressure measurements, to the wiring =nd
plumbing for the scanivalves, and to the wiring
for the turbulence transducers.

FIG.7. BASE AND THROTTLE
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4.  TUNNEL AND INSTRUMENTATION

The model has been tested transonically in the 8ft x 9ft tunnel at the Aircraft Research Association.

Tests have been made in the Mach number range 0.5 to 1.3, Reynolds number 2.9 to 4.4 x 108 per foot,
Reynolds numbor on capture height 0.9 to 1.3 x 10%, Details of the tunnel are available in reference 7.

The instrumentation accuracy is

tunnel and other reference pressures = 0.03"Hg .
scanivalve pressures as P/H % 0.003 at 30"Hg stagnation
incidence accuracy ~ 0,05°

balance calibration = {2 P.S.

balance temperature drift typically less than 1/3% F.S.

Accurate pressure and balance techniques must be available for this class of work since the final
drag data is dependent on differencing large terms.

Special equipment was built to allow test point setting and monitoring. An on-line X-Y plotter was

used to show pressure recovery versus mass rlovw. Analog circuits from transducers recording six engine
face pitot pressures gave pressure recovery, snd further analog circuits from transducers recording
venturi upstream pressure and differential pressure gave mass flow. A dynamic transducer was displayed
on an oscilloscope to show duct flow stability.

5. DATA REDUCTION

The procedure is shown in block diagram form
in figure 8. All terms are in practice brought SCANIVALVE BALANCE TuMNEL
to non-dimensional form as soon as possible and DATA DATA kT

calculations are carried out in non-dimensional
form. The force terms are non-dimensionalised
by dividing bv the dynamic pressure times the
total intake capture area (2Al for twin duct
siae intakes).
EF MISC BLEED | [VENTUR NC STING MODEL
Tabulated output, computer plotting and data CALCS || PRESS || CALCS || CALCS FORCEsEi CAVITY | | anGLE
on magnetic tape are routinely produced. FORCE
Small practical difficulties arose with the )
use of venturis. The venturi differential
pressure is only single signed r<gardless of
flow direction. The bleed system at low
freestream Mach numbers sometimes flows in
reverse, A pitot in the bleed duct venturi | UPSTREAM
is now used to check flow direction. It is also 1 MOMENTUM
possible at the higher freestream Mach numbers EXTERNAL
to choke the main duct venturis. Limits have — o
been built into the procedure to eliminate such MOMENTUM
data. > >
FORCES
' A m: _—
FORCES
[
1 I 1
RECOVERY MASS | | DISTORTION MISC BLEED DRAG
FLOW PRE SSURES

FIG. 8. DATA REDUCTION

6. CALIBRATION

6.1, Mass flow calibration

Accuracy of mass flow measurement is important for all intake test work. For spillage drag
tests on intakes, the effect of mass flow errors on the use of the data, depends both on the type of
error and the shape of the spillage drag curve, For example, for linear drag curves with only zeio
shift type errors of mass flow, the slope of the curve is important and this would be determined
satisfactorily. However other types of error are common and the shape of the drag curves can be far
from linear. Thus for intake drag work accuracy of mass flow is important. If aircraft drag is to be
estimated, then accurate mass flow measurements must be made also for the aeroforce model, in order to
match the test data irom both the aeroforce and the intake drag model at some datum mass flow.
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Since the model was designed to use flow
through ducts in the transonic speed range, the [1
available pressure differential to drive the
duct flow led to the choice of a venturi for
mass flow measurement rather than the sonic
exit method. The use of a 'good' venturi
according to standard venturi practice would
have yielded an unworkable model length. From
the available model length, to suit the working
section of the tunnel and the model and support
system, it was necessary to use a venturi of
length about equal to one duct diameter. Thus
the best approach was to ensure the venturi ““FLOW DIRECTION
size suits model length limitations and to
calibrate for accuracy.

The shape of the venturi is shown in
figure 9. The throat area was sized for the
requirement of full intake flow when the intake \
throat is a maximum, whilst maintaining an
adequate contraction to give a pressure
differential suitable to the instrumentation
accuracy and the required mass flow accuracy.
Thus the maximum throat Mach number was as THROAT UPSTREAM
high as 0.75. 1In retrospect the venturi and STATICS STATICS
duct design could probably be improved,
particularly by increasing the area upstream of
the contraction. The design of venturis to
suit the model limitations with large duct flows FIG. 9. VENTUR!I GEOMETRY
is an area of design largely outside existing
venturi practice,

CALIBRATED
ORIFICE PLATE
DISTORTION VENTURI | MASS
SCREENS me J
| Tl
DRY AIR X
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FIG. 10. MASS FLOW CALIBRATION

Calibration was carried out at the National Gas Turbine Establishment, Pyestock, England, where a
proven flow rig was available. Upstream of the engine face, the duct was represented to the end of the
intake ramps. Gauzes were used to introduce distortion, though in practice the calibration distortions
were not wholly representative of the later tunnel test distortions where large radial distortions were
found at the engine face. Since the engine face pitot rake supporte cause flow losses, some smoothing
and mixing of the flow occurs downstream of the support struts. Within the range of calibration
distortions appropriate to the transonic operation of the mod~l, the venturi was found to be insensitive
to the engine face distortion, see figure 11.
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The ducts were effectively recalibrated
2} years later when the exit flow profile was
measured to give a momentum discharge
coefficient - see section 6.2. In these later
tests some larger distortions appropriate to
supersonic operation were used. These tests
indicated that at the lower mass flows and
higher distortions occurring during supersonic
intake operation, the venturi did not give
mass flow reliably. Consequently for
supersonic testing the mass flow is now
derived from a sonic exit area technique using
a measurement of the throttle plug position.
At transonic distortion levels, the discharge
coefficient repeatability between the two
calibrations was {Z%.

6.2. Momentum discharge coefficient calibration

The exit momertum plus pressure
term is mVe+Ae(Pe-P°). The static pressure term

is measured at the exit wall statics and

agsumed uniform across the duct. The velocity
term is derived from the measured exit statics
and the venturi mass flow, using one-dimensional
duct flow equatiomns.

To allow for distorticn ar the exit
station, a 'momentum discharge coefficient'
needs to be applied to the exit momentum plus
pressure term to compensate for the difference
between the actual profile and the assumed profile.
This momentum discharge coefficient is greater
than 1.0. For example, if there is a hole in the
flow then the measured mass flow must cross the
rest of the exit station area with a greater
velocity than if the flow had been one-dimensional.
Thus the velocity is greater than one~dimensional
flow and the velocity momentum term is larger.

The effect of the flow profile on the
exit momentum was studied during the model design
stage by calculations based on various assumed
rrofiles. Profiles of pitot pressure relative to
duct static pressure were integrate! *to find
integrated mass flow and momentum. The integrated
mass flow and the duct static pressur > were then
combined to yield a momentum from 1D flow
equations to simulate the combination of venturi

mass flow and exit static pressures. The integrated

momentum was then compared with the one~dimensional
momentum. The results of these calculations are
shown in figure 12, The calculations were also
made for a range of exit Mach numbers and these
emphasised the need to keep the exit Mach number
low so that the exit momentum was dominated by

the pressure term. However it must be remembered
that the exit momentum term is a large one that is
subsequently differenced from the upstream momentum
so that momentum discharge coefficients need to be
known correspondingly more accurately.
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The model was initially tested using a momentum discharge coefficient of 1.0 as a consequence of
the calculations made. Subsequent to testing, the engine face profile was used in the above calculation
procedure. The worst error, if the engine face pitot profile distortion applied at the exit was about
2% of the drag level. Since the venturi calibration suggested that the mass flow measurement is
insensitive to engine face distortion, then the effects of the engine face distortion on 'somentum are
also likely to be small or independent of engine face distortion. Comparative testing of aiffering
intake configurations is then practical,

The initial tests also showed that the use of bleed did not affect the drag data significantly.
This was encouraging since the change of bleed from off to on gave differing engine face distortions
and so the effect of the engine face distortion on the exit momentum was small. At a later stage of
the model testing, results of a similar model at the Royal Aircraft Establishment, Bedford became
available. Differences between these two sets of results led to a need to check the validity of the
assumptions of the exit pitot pressure profile for
the model. Two possible sources of distortion were
identified aft of the engine face. Firstly, the
S bend between the engine face and the venturi
could produce distortion. The bend was needed to
shift the duct centreline away from the sting to
allow for duct expansion. The bend is fairly
short since model length was a limitation. Secondly
the mass flow venturi could produce distortion
since the throat Mach numbers are high and again
the venturi is short because of model length
limitations.

The exit duct was fitted with the pitot and
static rake shown in figure 13. The rake carried
12 arms of pitot tubes. For each arm, 6 pitot
tubes were placed at radii corresponding to equal
area weighting and the seventh tube was close to
the duct wall to measure the effect of the boundary
layer. A central pitot was also fitted. 6 stream
statics were mounted on the rake and the wall statics
were increased from 4 to 12. The rake was arranged
80 as not to interfere with the exit throttle and
tests were carried o t in the same calibration rig
at the National Gas Turbine Establishment as was
used for the original mass flow calibration.

o

Figure 14 shows a typical pitot pressure

. 990 contour at the exit station at full flow. The

s -2400 pitot pressures and the static pressures were

x - integrated to give both mass flow and momentum.

N 6] The integration for mass flow was typically within
P =1Z of the rig mass flow which indicates that the
b ‘%203 measurements are an accurate description of the

o B0 flow. The integration for the exit momentum was

N .;ggg compared with the standard model method outlined

* above and an effective exit momentum discharge

coefficiert was calculated. Results are shown

FI1G. 14. EXIT PITOT PRESSURE CONTOUR
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in figure 15, the differing symbols representing differing distortion screens. Tests were done for a
range of engine facz distortions and the momentum discharge coefficient was correlated against an engine
face distortion parameter. The correlation has now been applied to the data reduction programme for the
wind tunnel testing.

The exit station Mach number is very significant in the degree by which the flow profile at the exit
station changes the drag data. Changes to the model at the intake end resulted in larger mass flows than
during the initial model testing so that the exit flow profile was more significant. Again, in retrospect,
the venturi and exit duct design could probably be improved. It is suggested that for this sort of test a
duct Mach number not greater than 0.3 at the venturi upstream station and at the exit station is desirable.
Also for testing at the higher freestream Mach numbers it would be practicable to incorporate flow
smoothing screcens in the ducts.

7. REPEATABILITY

An analytical approach to data accuracy was not attempted. Instead, foilowing tunnel testing, real
data was modified to simulate a variety of possible errors. This approach alluws errors typical of the
instrumentation system to be introduced. The computation of the modified data uses the established
data reduction programme and comparison of the results with the results from the unmodified data indica' ¢a
the most significant terms. Drag levels can be affected by errors in tunnel stagnation pressure
measurement and errors in the base pressure due to zero shift type errors in the scanivalve pressure
system. Drag slopes can be affected by errors in the tunnel reference pressures and by zero shift plus
sensitivity errors peculiar to the scanivalve calibrating system. Errors in the venturi discharge
coefficient have a comparatively small effect on drag level but some effect on slope. Accurate pitch
setting is required for consistent drag levels. Accurate axial and normal forces are required from the
halance as both contribute to drag when resolving the forces from balance axes to wind axes.

Datum cases are run for each phase of testing in the tunnel, The repeatability within a test
phase typically will allow configuration differentiation of the order of 17 of aircraft drag at high
subsonic speeds. The repeatability between phases is 3 times worse than typical instrumentation accuracy
should give and the causes of the non-repeatability have not been found.

The effect of bleed is to alter the engine face distortion, Additionally the total intake capture
flow is split into two streams so that the force and exit mewmeatum balance is changed. The bleed
venturis were not calibrated, a discharge coefficient being estimated from standard practice. Generally
drag data bleed on to bleed off compares to about 0.02, This agreement is considered satisfactory and
confirms that for transonic engine face distortion levels, the effects of the distortion on the exit
momentum and hence overall drag levels, is small.
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8. COMPARISON WITH THEORY

r—————

mVy Re Ay

Y
-——:‘_:ll"
miy « Ag Py = Pg)

—

AV

STREAMIUBE  mVoeXpe = Xco(mVy o Ay(Py-Pglcos @
PRE ENTRY DRAG Xpy = Xpo(mVy o Ay(Py=Py)cos @ = mv,

SPILLAGE DRAG  A(XpeeXext) = Al Xpg + Xcowt)

FIG.16. PRE ENTRY DRAG AND SPILLAGE DRAG CALCULATION

Theoretically based calculations have been made according to the methods of reference 8. Figure 16
shows the calculation procedure. The throat momentum is calculated by assuming isentropic flow between
the freestream and the throat and that one dimensional flow theory is adequate. The ramp and cowl forces
are found by the integration of measured pressures. The calculations have been made for each test data
point using achieved test mass flows and pressure measurements, Figures 17 and 18 show the development
of the pre-entry drag and the spillage drag respectively. (Common practice is followed in naming the
pre-entry, ramp and cowl forces, as drag, though strictly they are only axial forces on restricted areas
of the flow model).

PRE ENTRY DRAG = MOMENTUM DIFF « g SPILLAGE DRAG = PRE ENTRY DRAG «
N RAMP DRAG ‘%' COWL DRAG
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MASS FLOW

FIG. 17. PRE ENTRY DRAG FIG. 18. SPILLAGE DRAG
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The results of the calculations have been
compared with the drag changes measured on the
model. Figure 19 shows two such comparisons,
for varying mass flow and for varying ramp
angle, The data is for a freestream Mach No. of
0.9 and small positive incidence. The agreement
is genarally less satisfactory at other Mach No's
and inci_ences. It is surprising that the
agreement is as good as it is in view of
differences between the simple one dimensional
flow model, figure 16, and the complex
3 dimensional flow patterns around such an
intake when installed on the side of a fuselage,
and in view of the limited pressure plotting
dats,

These calculations demonstrate the
importance of pressure plotting on the ramp and
cowl surfaces. The build-up of the spillage
drag shown in figures 17 and 18 is not possible
without such pressure plotting. However the
data does not allow a breakdown of where the
flow iosses which represent the spillage drag
occur. Surface flow visualisation or pitot and
static rakes in the external flow may prove
helpful for such a Preakdown.

9. TECHNIQUE COMMENT

Figure 20 shows 3 possible model systems
for the measurement of spillage drag using the
general approach of a balance mounted, whole
model rather than a balance mounted intake.
Figures 2la,b,c show typical breakdowns of the
loads for the 3 systems. The base and internal
forces would be derived from pressure
measurements in all 3 systems.

Figure 2la shows the load breakdown for
the interchangeable nozzle technique. The loads
have been estimated from the data of figure 21b
so that the comparison between the techniques
is clear. For this technique the internal force
term is small and the balance records a force
near to the required drag. This technique
therefore gives good answers if good balance
technique is available. However the method is
not compatible with production testing since
mass flow is not a mechanized variable (it is
comparabl: to doing aeroforce model testing
with fixed crank pieces between model and
support instead of a pitching mechanism). For
intake work, mass flow is the main variable
and must be mechanized. For the taking of
performance or turbulence data, fixed
interchangeable nozzles would not allow
flexibility. A mechanized variable area exit
nozzle for drag testing is yet to be designed.
No insurmountable difficulties should prevent
a 2 dimensional approach but full base
pressure plotting over the variable base area
needs to be available.
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Figure 21b shows the load breakdown for the earthed plug throttle technique as is used for the
testing described in this paper. The balance axial force aad the internal force changes are large
compared with the resultant external drag, and 80 errors can easily arise when the terms are differenced
to give external drag. Moreover, the rate of change ~f the balance and internal terms with mass flow is
very rapid at the maximum mass flow end of the curves, so that it is very easy to get considerable data
saattier in this vegion. Howewer prowided good “alénce terhinique srd pressurs measuring technique are
available, satisfactory data is obtained.

Figure 21c shows the load breakdown which might occur using an alternative, untried approach. To
vary mass flow the duct is fitted with a variable loss, internal throttle. The loads have been
estimated from the data of figure 21b, but may be dependent on the detail sizing of the exit duct and
the base areas. The rate of change of balance force and internal force with mass flow is now small
compared to figure 21b, so that the possible errnrs of slope due to differencing are minimised. The
rate of change of balance force in the range of likely mass flow is similar to the rate of change of
external drag and no very large rates of change occur near maximum mass flow. A variable loss throttle
might be readily mechanized.

Note generally, that good balance accuracy is required. However, standard 6 component balances
used for aeroforce work can be used since model size, either with stub wings or without stub wings, can
generally be larger than the aeroforce model. The data accuracy in coefficient form is then at least as
good as the aeroforce model data.
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a) INTERCHANGEABLE NOZZLE TECHNIQUE b} EARTHED PLUG THROTTLE TECHNQUE C)VARIABLE LOSS THROTTLE TECHNIQUE

FIG. 21 BREAKDOWN OF COMPONENTS FOR 3 MODEL SYSTEMS

The measurement of the transonic spillage drag of supersonic intakes involves combining balance
forces with momentum forces derived from pressure measurements. The techniques and achieved accuracies
are not well established. It is important therefore, that effort be made available for technique
development. Testing of standard intakes, developing either full pre-entry force or of known good shape,
would be useful for checking model techniques at subsonic speeds., It is also considered that the systems
outlined in figures 2la,c would be worth a trial, that is, a mechanized "interchangeable" nozzle and a
mechanized variable loss throttle.

10.  CONCLUSIONS

1. A technique is described which differentiates intake configuration drag and spillage drag
to -1 of the drag coefficient of a typical supersonic fighter aircreft at high subsonic
speed.

2. The data agrees with theoretically based calculations,

3. The technique is economic and suitable for routine testing,

4, Further technique development is desirable and proposals are made.
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AN EXPERIMENTAL INVESTIGATION OF THE COMPONENT DRAG COMPOSITION OF
A TWO-DIMENSIONAL INLET AT TRANSONIC AND SUPERSONIC SPEEDS

Clifton J. Callahant
Grumman Aerospace Corporation
Bethpage, New York 11714, USA

SUMMARY

An experimental study was performed to establish the separate drag force contributions of the principal
components of a rectangular, two-dimensional, external compression type, supersonic air induction inlet system.
Concurrently, inlet system performance was measured i{n terms of engine face total pressure recovery and spacial
flow distortion, and the possibility for tradeoff between inlet system drag and performance was explored.

A scale model of the forebody, including air inlet and duct systems, of an advanced, twin engine, strike air-
craft was employed for the study. The wind tunnel model arrangement utilized a dual-balance technique to measure
forebody and the inlet forces separately. The effects on the air induction system and vehicle forebody due to inlet
component changes and varying propulsion air flow requirement have thus been identified,

The major inlet variables in the investigation included cowling lip and sidewall seometries, boundary layer
bleed and air bypass exhaust configuration, and compreesion surface deflection schedult, Tl » wind tunnel testing
was conducted in closed circuit, continuous flow test facilities over a full range of supei-:onl .nd transonic speeds
and representative ranges of vehicle angles of attack and sideslip.

Three significant aspects of the program are addressed in this paper: inlet and vehic e configuration integra-
tion, wind tunnel model arrangement for force data measurement, and measured drag and performance results, Al-
though only incomplete experimental data may be shown at this time, the total matrix of acquired data to be published
shortly is described. These data can be broadly divided according to cowling, side wall, and bleed/bypass effects,
in ordertodisplay major trends in drag and performance for the investigated transonic and supersonic speed regimes.
It is expected that these data will provide an array of design information previously unavailable to the induction

system engineer.

NOTATION
Ac Intet cross sectional area
A . Cross sectional area of captured stream tube
CD Drag coefficient
FRL Fuselage refereace line
h Altitude
IRL Inlet reference line
M Mach mumber
Mo Free-stream mach number
Pto Free-stream stagnation pressure
Pt2 Compressor entrance stagnation pressure
Tr Sea level reference temperature
th Compressor entrance stagnation temperature
w Atrflow
a Angle of attack
B Side slip angle
) Pressure ratio, Pt,/P_
€ Compression surface deflection angle
LS Stagnation pressure recovery, ptZ/Pto
0 Temperature ratio, TtZ/Tr

+ Advanced Development Project Engineer, Supersonic Inlet Technology

e it
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1. INTRODUCTION

In meeting the challenges of the 1980's, advanced high-speed aircraft will demand the fullest utilization of
alrframe/propulsion technology. Tosaccomplish this goal, it will be essential to have the broandest possible under -
standing of the coupling between major subsystem and overall flight vehicle performance. In this regard, the
supersonic air induction system has recently attracted considerable attention. The interest has focused on develop-
ing a fuller understanding of inlet component drag composition and the coupling between component drag variations
and the installed performance of this major subsystem.

Under sponsorship of the United States Air Force a significant program t was begun in early 1872 to experimen-
Eelly evaluete the Indivlduel pootributions made by supersonle Inla sorponenls lo overall oot esslin deag A
concomitant goal of this program has been the exploration of a possible tradeoff between inlet system drag and
performance, as it affects aircraft mission effectiveness. To date, the proyram has focused on the conventional
all-external compression-type inlet system, operating in both the transonic and the supersonic flight regimes.

To adsure a realistic framework for the overall study, a representative advanced strike aircraft configuration
was established to meet the requirements of a representative strike mission scenario. The defined mission and its
range serves as the reference for the induction system/mission effectiveness sensitivity analysis, while the air-
craft configuration itself provided the basic geometry for wind tunnel model design.

This paper begins with a brief outline of the reference mission and aircraft configuration, followed by a detailed
review of the theoretical and practical considerations of the inlet design. Then, the wind tunnel model assembly is described

with particular attention given to the measurement techniques employed for pressure, mass flow and, most importantly,

inlet force, Wind tunnel testing conditions are discussed next, including the test sections, operating conditions and
model attitudes. Finally, the testing which has been completed is summarized, and some preliminary experimental
results are presented. Typical measured performance results are shown, and inlet cowling region force data are
employed to illustrate possible tradeoff alternatives for the induction system. An outline of the full data assembly
which will be made available shortly, completes the discussion.
2, BASELINE MISSION SCENARIO

The baseline mission scenario comprises the following segments (see Fig. 1):

e Takeoff and climb to best cruise altitude

e Cruise out at subsonic speed to the forward edge of the battle area

e Penetration at sea level altitude and transonic speed
e "Pop-up'" In target area, followed by combat engagement
e Climb and acceleration to supersonic speed and return dash

e Lapse to subsonic cruise, followed by loiter and landing.

{RETURN) CRUISE (RETURN) DASH
M= 85 M=28 CLiME
© 40,200 FT @ 50,000 FT
t——————— 321N M| 1236 N Wi 'ﬁfl —dm

COMBAT
2MIN, MAL A/B
M = 1.6; 16,000 FT

CRUISE {OUT)
@M =086 oM=12
CLIMB 34,400 FT EL.
In—ua.mm—-- BIINM e ot SO0NMI -

Fig. 1 Baseline Mission Scenario
tContract ¥33615-72-C-1160
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As will be discussed subsequently, cach of the mission speed regimes represents a wind tunnel test condition
for the experimental program. Sustained flight at each of the prime Mach numbers was important to the selection of
the mission scenario in order to give meaning to the subsequent inlet/mission sensitivity analyses. The baseline
radius of action (approximately 380 nautical miles) was dictated by model/wind tunnel constraints which restricted
e besic alrernft slee, The dlatances fur ench segment of e migsion are the result Of detailed Alght performeance
computation for the bas« ine aircraft,

3. BASELINE AIRCRAFT DESIGN

3. 1. Basic Configuration

As (lustrated in Fig. 2, the baseline aircraft configuration i{s a twin-jet tactical vehicle utilizing rectangular,
two-dimensional air induction systems located close to the vehicle fuselage. The inlets are positioned near the mid
waterline plane, falling below and blending Into the wing upper surface, with horizontally oriented compression
surfaces,

Fig. 2 Baseline Aircraft

The aircraft has a gross take off weight of 75,000 pounds, which includes a maximum fuel capacity of 29, 700
pounds. The aircraft was sized to meet all requirements of the baseline mission, including specific excess power
requirements, utilizing a 125 psf wing loading and a thrust loading equal to . 65.

Alrcraft propulsion is provided by two augmented advanced turbofan engines sized for F* = 24,400 pounds sea
level static thrust. For the sustained spced regimes of the baseline mission, each engine has the corrected airflow
requirements shown in Table 1. This schedule is used subsequently to define engine/inlet match point performance
levels from the experimental results,

L3
Table 1 Corrected Airflow Requirements For

Each Engine
Air Flow (W V0/5)
Mach No. Altitude, ft Ib/sec
25 50,000 110
1.6 16,000 147
1.2 Sea Level 158
0 Sea Level 156

3.2 Inlet/Air Frame Integration

A number of studies (e.g., Ref 1-3) have been conducted to investigate the effect of forward fuselage geometry
and protuberances ~n the quality of the local flow fleld approaching the supersonic atr induction system entrance
plane, The effecis on both inlet system performance and on compressor face flow distortion have been extensively
explored. As a 1esult of these studies, inlet/fuselage design criteria have been established, espectially for the
tactical fighter class of aircraft, to assist in avoiding serious inlet system performance penalties.

During aircraft configuration evolution for this program, low fuselage flow field interaction on the inlet sys-
tems was emphasized. Thus, the forebody shape and the position of the inlets were modified according to the re-
sults of detailed flow fleld analyses.. For this purpose, the inlet leading edge station flow fields produced by candidate
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fuselage forebody/canopy configurations were examined in detail using an inviscid, three-dimensional flow field com-
putational technique developed for supersonic flow by Moretti (Ref 4). The numerical procedure employs a forward
marching, finite difference scheme of second-order accuracy to integrate the governing Euler equations in each

region of continuous flow; and across discontfnuities, which include both leading and imbedded shock waves, the Rankine-
Hugoniot relations are fully satisfied. By using conformal mapping of body cross-sectional shapes from the physical
plane in to transformed computational planes, the method permits accurate flow field prediction for even very com-

plex geometries.

To achieve a satisfactory flow field environment at the inlet system entrance, it was necessary to modify the
forward fuselage shape and to relocate the inlet capture zone relative to the fuselage. (See Fig. 3.) Fig. 3a shows
reduction in both local flow angle of attack and sidewash angle accomplished by simple fuselage geometry changes.
These included increasing nose droop angle from 6° to 9° and increasing fuselage nose semi-vertex angle from 18, 5°
to 20.5°% Fig. 3b illustrates the effect of inlet capture zone relocation. The inlet is lowered relative to the canopy/
fuselage shoulder line and the shoulder has been ''softened'. In addition, fuselage bottom corners were softened
moderately to reduce inlet flow field degradation with increasing vehicle angle of attack. The induction system
relocation yielded a further reduction in local flow sidewash and downwash due to the airframe canopy. The
remaining downwash naturally had to be considered in the design of the forward compression surface of the inlet.

4,  MISSION SENSITIVITY ANALYSIS

The mission sensitivity analysis was conducted in order to be able to assess the impact of changes in inlet
pressure recovery and inlet drag on mission effectiveness in terms of incremental range changes. The analysis in-
volved the baseline alrcraft design (Fig. 2) e juipped with moveable surface, two-dimensional, all-external compres-
sion type inlet systems. The inlets were sized to provide full-scale capture areas of 1020 square {nches each,

G-umman's digital computer codes were used to provide installed propulsion system performance and overall
aircrai. flight performance., To facilitate the analysis, a basic alrcraft polar and baseline inlet performance param-
eter's were derived analytically. The basic un-installed powerplant data were obtained from data packages for ad-
vauce engines, supplied by Pratt and Whitney Aircraft, In addition to accounting for induction system effects, the
basic propulsion data were corrected to account realistically for engine air bleed, power extraction, and exhaust
nozzle performance and drag.

The methodology for the sensitivity analysis began with the establishment of detailed baseline mission per-
formance as reflected in the mission profile (Fig. 1), Next, inlet performance and inlet drag levels were perturbed
separately, over suitable intervals about their baseline levels, for each independent segment of the mission profile,
For each parameter variation, mission total range was re-evafuated holding the penetration leg distance and combat
time at their baseline values. The remaining mission leg distances and the overall mission range thus resulted as
"fallout' from the computations.

The computed sensitivity of mission range to induction system pressure recovery performance and drag level
is shown in Fig. 4 and 5, respectively. The inlet parameter peiiurbations are taken as variations about the cor-
responding baseline values, As shown, the impact of both inlet parumeters is greatest during the seal level penetra-
tion dash at transonic speed. This is not a surprising result. For the combat segment, range decreases with in-
creasing inlet pressure recovery performance, due to the increase in fuel flow at fixed (maximum reheat) engine
power setting; but the inlet drag variation has no effect on range because this is a fixed power setting condition
rather than a matched thrust/drag flight condition.

5. INLET DESIGN

The baseline inlet for the investigation, is a rectangular, two-dimensional all-external compression desigi. with
three external compression surfaces, (Fig. 6). The initial compression surface is fixed and the inlet cowling is
fixed, ylelding a conventional constant capture area induction system design. The second and the third external
compression surfaces together with the subsonic diffuser ramp may be rotated independently about their respective
hinge axes. Inboard and outboard side +:alls are provided to control lateral flow spillage from the inlet, Finally,
the design embodles a bleed/bypass slot located just downstream from the cowl closure station, for the purpose
of boundary layer and excess flow management, The throat slot flow is connected via a plenum regicn to a fully
articulated convergent exit door located at the aircraft wing top surface,

Typical design methodology for the conventional inlet involves the basic selection of compression surface
lengths and surface deflection schedules which provide optimum performance with no shock wave or vertex sheet in-
gestion, Consideration is also given to achieving favorable viscous flow and interaction behavior. Because of the
exploratory nature of the present induction system investigation, however, the inlet was also designed for operation
with compression surface deflection schedules that would have functional dependence on aircraft angle of attack
as well as on flight Mach number, In this paper the schedules are denoted as variable schedule |F(a;M )j and
fixed schedule [gg(Mo)] ; °

Although ramp deflection schedule selection for the supersonic inlet is certainly straight forward, it is perhaps
worth while to point out the simple graphical approach used here. The Mach 2.5 flight condition is used to illustrate
the approach. A carpet p'at for inlet supersonic pressure recovery is constructed using the angular deflections of
the second and third compression surfaces as arguments. (See Fig. 7.) Superimposed on the plot is the locus of
total supersonic turning above which shock wave detachment should be anticipated. The basic plot is nothing more
than the well known Oswatitsch result; however, it is apparent that alternate schedule choices and tradeoff
possibilities can be readily seen.

Following the approach illustrated in Fig. 7, optimum compression surface deflection schedules were selected
over an angle-of-attack range from -3°to +10°, In this manner, the variable compression ramp schedule was
established at each flight Mach number of interest. At the same time, the deflection schedules corresponding to
zero angle of attack at each Mach number established the so called fixed compression surface schedules, Next, a
Grumman digital computer code (Ref 5) was used to select compression surface lengths for minimum additive
drag while rigorously avoiding either vortex or shock wave ingestion over the prescribed angle of attack range.

range,
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?E'
: Figure 8 shows the theoretical shock wave structure at the Mach 2.5 design point and the extremes of op-

erating angle of attack. As may be seen, significant shock-wave-generated flow spillage is predicted for the
inlet at zero degrees angle of attack. The high spillage results directly from the compromise made necessary in
Inlet cowl leading edge positioning in order to accommodate the variable compression schedule requirement. This
was not considered to be a serious performance constraint, however, since increases in inlet capture ratio
(Ao/Ac) would be attainable at only small expense in pressure recovery performance. (See Fig. 9.)

6. WIND TUNNEL MODEL DESIGN

The general arrangement of the wind tunnel model is shown in Fig. 10. The actual model assembly is a
1/6,43 scale representation of the forebody and canopy of the baseline aircraft together with complete twin super-
sonic air induction systems. (See Fig. 11 and 12,) The overall model assembly is supported by means of &
central sting, and the inlets are connected to separate exhaust ducts which he.use the plug valve assemblies used
for inlet mass flow regulation.
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. The major objective of the experimental program
is to measure inlet system forces and the accompanying
1.0 interference forces on the airframe. For this purpose,

a dual balance technique (see Fig. 10) has been em-
SHOCK WAVE/VORTEX  ploved go that forebo?iy ft()rces agd inl)et system forces
INGESTION BOUNDARY 1y he measured independently. The force measure-

ment units are designated as the main balance and the in-
. let balance system, respectively. The balance installa-

tions have been designed so that the overall inlet/fore-

body model is metric as a whole, while the left hand {n-
let and duct assembly alone is independently metric.

WORKING The main balah-J is a six-component internal strain

REGION gage force balance which attaches directly to the model

support sting. The model inlet/forebod; assembly, in

*M =18 turn, is mounted directly to the main balance. The inlet
o =0 balance system, on the other hand, consists of a pair of
three~-component internal strain gage force balances
which support the left hand inlet and duct assembly at
its juncture with the wing glove root of the vehicle. As
shown in Fig. 13, the inlet force balances are positioned
at the inboard and outboard external walls of the inlet
duct, with the metric/non-metric interface between the
inlet and the forebody assembly maintained by a laby-
rinth seal arrangement.

N
L]

INLET CAPTURE RATIO, (A /A )

FLOW OVERTURN

Sk BOONDAHIY The induction system internal ducting on each side
of the model duplicates the complete subsonic diffuser
passage up to the engine compressor entrance station,
This ducting is integral to the metric sections of the

N e L 1 model, Downstream of the compressor entrance staticn,

82 84 86 .88 g0 hon-metric ducting extends through plug-type, choked-
flow throttle valves which provide each inlet with air-

INLET PRESSURE ngcovgny(nr) flow regulation and flow-rate measurement. Coupling
between the metric and non-metric ducts is accomplished
with a zero leakage, flexible bellows assembly. (See
Fig. 10 and 14.)

Fig. 9 Inlet Operating Envelope at Mach 2.5
In addition to the direct force measurement systems,

the wind tunnel model is provided with extensive preisure

instrumentation for the acquisition of overall induction
system pressure recovery and deta{led model surface pressure data, Compressor face station stagnation pressure
recovery is measured using a 48-probe steady-state pressure rake, and approximately 300 static pressure orifices
are distributed over inlet surfaces areas of interest, The inlet bleed/bypass plenum and exit slot are also instru-

mented to enable the computation of air flow.

In addition to remote control of angle of attack and sideslip attitude, model components which can be remotely
controlled during testing include the inlet compression surfaces, the subsonic diffuser ramp, and the bleed/bypass
flow exit door. Inlet airflow is regulated by remote operation of the main duct throttle plugs.

7. INLET SYSTEM ALTERNATE COMPONENTS

To evaluate inlet system component drag and the possibility for drag/performance tiadeoff, a number of alter-
nate inlet components were selected. These are four cowl lip geometries (see Fig. 15) and four inlet sidewall geom-
etries (Fig. 16). The fundamental criteria in the design was to have each alternate component exhibit a change in

only one significant geometric parameter.
All inlet Cowlings were designed with a 3:1 elliptical leading edge.

e Cowling C-1 was selected as the baseline geometry. The major axis of the elliptical lip parallels the
number three compression surface of the inlet at its Mach 2.5 theoretical design point.

e Cowling C-2 displays a thickened lip which is formed by a factor of two increase in the semi-minor
axis of the outer elliptical contour. The internal contour of the baseline lip has been preserved

identically.

e Cowling C-3 was derived from the basic lip configuration by a reduction in the slope of the internal
contour at the point of tangency with the initial ellipse. The basic external shape of the cowling is not

changed,
® Cowling C-4 was designed witl: the major axis of the leading edge parallel to the inlet reference line,

Inlet alternate side plates, S-1 through S-4, have been classified as blunt or sharp, with efther of two angles
of cut-back for lateral flow relief.

All cowls and side plates were extensively instrumented in order to obtain detailed surface static pressure
distributions and to permit computation of component force coefficients through integration,

8, MODEL TESTING

The inlet/forebody wind tunnel model was designed with specific provision for adaptation to test facilities at
the United States NASA/Aries Research Center. The facilities used in the investigation have been the 9 by 7-foot super-
sonic and 11 by 11-foot transonic test sections of the NASA Unitary Plan Wind Tunnel. These are high Reynolds
number, continuous-flow, closed-circuit wind tunnels,
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Fig. 11 1/6.43 Scale Model in 9 ft X 7 ft Supersonic Test Section

Supersonic testing was conducted at Mach 2.5 and 1.6, and transonic testing was conducted at Mach 1.2 and
.85, In general, all testing was conducted in the Reynolds number range 2.0 x 10°/foot to 2.5 x 10°/foot. The
model test attitudes included the angle of attack range C° to +10° and the side slip angle range 0° to £4°, TFor all
testing, the inlet system airflow was regulated from supercritical through subcritical, up to onset of buzz instability.

Two periods of wind tunnel testing have been completed. The first of these involved 125 hours of testing during
the middle of 1973, while the second period consisting of approximately 90 hours of testing has just been completed
in July 1974.

In the first period of testing, an unfortunate condition of physical grounding between metric and non-metric
sections of the wind tunnel model resulted in the unacceptability of most force balance measurements, All model
pressure data, however, including the detailed inlet surface pressure measurements, are quite useful to the assess
ment of inlet performance and component force terms. Some inlet force balance difficulties were also experienced
during the second period of testing; however a serious loss of force data is not expected.

Because final processing of the wind tunnel data acquired in the second test period is not completed, it will
be necessary to rely on the first period nressure resuits exclusively in the data discussion which follows,

9. EXPERIMENTAL DATA

This last part of the paper presents typical experimental results which illustratc the broad nature of *:» in-
vestigation. The baseline induction system which is employed in the inlet component (rag stuly is fourd ¢ » - ford
levels of internal performance which are consistent with modern induction systems of ihis type. Moreoves, the
quality of the compressor entrance air flow delivered by the induction system 1s found to be excellent. Althougn “ased
only 2n pressure measurements from the first period testing, certain possibilities for tradeoff between inlet com
ponent drag and performance can be identific ',



Fig. 12 1/6.43 Scale Wind Tunnel Model In 11 ft Transonic Test Section
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Fig. 17 shows engine matched condition pressure
recovery performance for the baseline air induction
system over the flight Mach number range investigated,
The quality of airflow supplied by the baseline induction
system is {llustrated in Fig. 18. Here measured com-
pressor entrance steady-state pressure profiles cor-
responding to 09 and +10° angles of attack are shown

for the Mach 2. 5 flight condition.

METRIC By combination of the four inlet cowling shapes and

bucy the four side plate geometries, sixteen substantially

different supersonic inlet configurations may be as-

sembled, Not all of these possible inlet arrangements

INTERNAL could be tested, because of practical limits on wind
tunnel test time. For the configurations tested,

LA however, assessment extended to investigation of the
effects of compression surface scheduling and to inlet
NONMETRICDUCT  mjneuvering performance. Fig. 19 illustrates the
J

effect of two slightly different compression schedules
on inlet cruise performance at Mach 2,5. Fig. 20,
presents Mach 2.5 maneuvering performance for

a second alternate inlet configuration,

NONMETRIC WINDSHIELD

Our particular interest is In the effect of the
various inlet components on induction system and inter-
ference drag. These effects must be viewed simulta-
neously with the component effects on induction system
performance.

Laamples of the effects of inlet cowling and sideplate choice are shown in Figs. 21 through 23, In Figure 21,
induction system pressure recovery performance and the cowling external pressure drag term are shown for various
cowl choices and the same sideplate configuration at Mach 2. 50 cruise operation. The results clearly illustrate for
this inlet that improved performance {s accompanied by increas ; in cowl pressure drag. An opposite trend is found
when the effects of inlet sideplate geometry are considered.

Fig. 14 Main Duct Bellows System

Fig. 22 presents inlet performance and cowl pressure drag term data for the same cowl, but different side-
plate geometries. The sideplate giving lower inlet performance also results in the production of a slightly lower cowl
pressure drag term. Naturally, no general conclusion is possisle without considering the total inlet drag effect, as
well as the interference effect, but these trends do begin to sug,est a possibility for tradeoff between performance
and drag.
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The importance of changes in inlet pressure recovery and drag to mission effectiveness during Mach 1.2
penetration flight was discussed early in the paper. An example of the effect of cowling geometry on induction
system performance and cowl pressure drag .neasurements at transonic speed is shown in Fig. 23 to complete
the discussion.

An overview of the total experimental program has been assembled in Table 2. The Summary shows the
complete inlet configuration and wind tunnel test condition matrix for which data have already been acquired. For
the inlet configurations and the test conditions shown, bleed/bypass exit variation and compression schedule variation
effects were explored as secondary variables, with angle of attack and yaw angle range extending between 09 and 10°
and 0° and #4°, respectively. These data will furnish the final parametric analyses for the overall study program.
We expect that these data will be published in an appropriate report in the near future.

10, CONCLUSION

At thir time, two extensive periods of wind tunnel testing have been completed, employing a representa-
tive all-external compression type air induction system. The pressure data from first period testing together with
the pressure and force data from second period testing are expected to provide new insights into the drag character-
istics of the principal components of advance air induction systems.
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Table 2 Inlet Test Summary
{Configuration and Mach Number)

COWLING SIDEWALL GEOMETRY

GEOMETRY
8 s, S3 Ss

c, [250° 7250 250 750
160 160 1.60 160
1.20

85

2.50
1.60
€ |
85

2.50
€ |60

250 250
1.60
€ |20
85

* Includes Survey of Reynolds Number Effect.
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A similar program of experimental work has been considered for the purpose of investigating mixed compres-
sion type air induction systems, which employ combined external and internal flow fleld compression, Together
withthe current results, this would give the possibility for a very broad comparison between the two different basic types of
advance induction system. The basic wind tunnel model and the techniques already developed would be easlily adopted
to such an effort.

11, REFERENCES

1, Cawthon, J. A,, Truax, P,P,, et al., Supersonic Inlet Design and Airframe-Inlet Integration Program
(Project Taflor-Mate), Vol I, II, and IIl, Air Force Flight Dynamics Laboratory Report AFFDL-TR-71- 124,
May 1973.

2, Cawthon, J. A., Truax, P. P,, and Savage, T. M., Advanced Inlet Study (Tailor-Mate II), Alr Force Flight
Dynamics Laboratory Report AFFDL-TR-73-72, June 1973,

3. Prokop, C., Investigation of the Effects of Airframe Design on Inlet Flow Fields, Air Force Flight Dynamics
Laboratory Report AFFDC-TR-72-11, 1972,

4. Marconi, F. and Salas, M., Computation of Three-Dimensional Flows About Aircraft Configurations,
Computers and Fluld, Vol 1, pp 185-195, Pergamon Press, 1973.

5. Callahan, C. J., A Computerized Design Analysis for Rectangular Supersonic Inlets, Grumman Aerospace
Corporation, Advanced Development Report ADR 01-03-72,5, December 1972,



JET INTERFERENCE OF A PODDED ENGINE INSTALLATION
AT CRUISE CONDITIONS

by
B. Munniksma and F. Jaarsma
National Aerospace Laboratory N.L.R.
The Netherlands

SUMMARY

In this paper the results of an experimental wind tunnel test program on the wing-pylon-bypass engine
combination of the Airbus A 300 B airplane are presented. In this test program only aerodynamic inter-
ference due to the engine jet was considered.

For determining the interference drag due to the engine jet as well as to have the possibility to extra-
polate the test results from model reference conditions to full scale a test scheme was developed. To
prove the validity of the assumptions of this scheme several intermediate steps were made.

As the engine jet-airframe interference is mutual, also effects of the external flow on the internal
engine nozzle flow causing engine shifting has to be considered.

In order to estimate the magnitude of this influence of the external flow field a two-dimensional
model of the fan nozzle has been tested using an optical technique. From these tests the specific features
of the fan nozzle flow field ranging from subcritical via supercritical to choked conditions are described.

SOMMAIRE

Dans ce rapport les résultats d'un essai avec une maquette de l'avion Airbus A 300 B sont presentés.
Dans cet essai on n'a consideré que l'interférence due au jet du moteur.

Un schéma d'essai a été ébauché pour détemminer la trainée d'interférence due au jet du moteur,
ainsi que pour extrapoler les résultats aux conditions de vol.

Quelques essais intermédiaires ont eu lieu pour éprouver la validité des suppositions de ce schéma.

Afin d'estimer la grandeur de l'influence de l'écoulement externe sur l'écoulement 3 1l'intérieur du
tuydre une maquette bi-dimensionelle du tuydre du fan a été essayée dont l'ecoulement a été visualisé 2
1'aide d'un interféromdtre.

En utilisant les résultats de cet essai l'écoulement du jet du fan a été décrit, allant de sub-
critique via supercritique jusqu'aux conditions de blocage.

INTRODUCTION

During the development of modern jet air:raft somewhere in the wind tunnel program a series of tests
are planned with the purpose of studying the engine installation effect on the aircraft aerodynamic
characteristics., As described in references 1 and 2 these tests can sometimes be separated in a study of
inlet effects only and of afterbody and jet effects only. In other cases the best solution in the wind
tunnel seems to be to study simultaneously the inlet and exhaust effects. In all these wind tunnel
programs the increments due to the engine installation effects have to be determined with respect to a
reference wind tunnel model, generally with through flow nacelles.

In specially designed propulsive wind tunnel models some kind of engine simulation has to be taken
into account. For inlet tests only the exit area can simply be increased in order to accomodate the re-
quired inlet airflow. For studying exhaust effects some device has to be installed that simulates at least
the engine jet flow.

To evaluate the drag increments due to engine installation effects a wind tunnel test scheme has to
be developed with which all contributions to the airframe-engine interference can be determined. This
scheme has to be compatible with the definition of the reference model and with the thrust definition of
the engine manufacturer. In the present paper such a scheme is described concerning the new European Air-—
liner Airbus A 300 B, which came recently into service (Fig. 1). This wide body aircraft is propelled by
two G-E CF6-50 fan engines located underneath the wings such that the jet exit flow is passing closely to
the wing lower surface. Preliminary studies (Ref, 3) concerning such an cngine installation showed that
the fan jet mainly influences the pressure riistribution of the wing lcwer surface. Conversely the flow
field of the wing might disturb the flow field of the fan jet which tlows over the core engine cowl.
Hence 1ift and drag changes as related to the reference model might be expected.

Since the Airbus A 300 B is 2 high economy jet airliner increments in drag and thrust at cruise
conditions are the most important terms to be determined i1n a wind tunnel program. This paper describes
such a program in which attention is given to the jet effecls on drag increase and thrust losses.

SCHEME TO DETERMINE DRAG AND THRUST INCHREMENTS

To determine the total external drag of a full scale airplanc at c-uise conditions the first items
which have to be known are the external drag of a complete wind tunr ¢l model with free flow nacelles and
the engine thrust definition. In the present case of the G-E CF6-50 engine the gross thrust is defined as:

Fo = Foog * Feg (1)

where F_ is the measured thrust on the test bed increased by the absolute value of the computed scrubbing
drag (fPiction drag) along the core engine, along the wetted area of the pylon and along the core engine
plug. So F ig the momentum [lux leaving the fan nozzle plus the prescure forces along the core engine
cowl and tﬁe wetted pylon arca with respect to static pressure at cruise altitude:

nga = (928\1‘;8 + Py = Py ) da + Y (P-p, )aa (2a)
Aexif fan core englne cowl

wetted pylon area

e Yo et
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similarily
Fog = (pgVPg + Pg =~ P ) dA + | (P =P ) aa (2b)
Aexit core engine plug

The gross thrust coefficients are defined as:

F P
CF - .F.'_Egg- and CF - -FTL (3)
28 g id.28 8 g id.8

where F id is defined as the ideal thrust value based on nozzle mass flow and average jet total pressure.
The net thrust is defined as:

Fy=Cp. F_. -D (4)

+ . ] 1 -
N 8 € id.28 CFb Fg id.8 scrubbing D an
The scrubbing drag (Dscrubbinz) based on computation is given by the engine manufacturer. It is assumed

that its value is not affected by external flow.
If the reference drag of the aircraft is defined as:

(5)

Dref. = Dbalance - Dfriction model Dinternal free Dsupport
ref.model external flow nacelles

then the following equilibrium equation can be written for iie full scale aircraft in flight, expressed in
coefficients:

Cp *AC +40,  +Cp +Cp + AC + AC - (¢ +AC, - AC, ) =0,
ref. spill P.et fr.ext, parasite induced trim net net jet O
J aircraft
The various terms refer to the following: (6)
C is obvious from the previous definition.
ref.
ACD is the difference in inlet drag due to a different mass flow ratio (or ratio of the free
spill captured stream tube area to the intake highlight area) at the reference model and during

flight. The spillage drag is equal to the additive drag (pressure forces acting on the
inlet stream tube until the stagnation line) minus the inlet lip suction forces. Ideally
this term is zero, but as at high Mach numbers the spillage is positive there is a spill-
age drag due to viscous effects and shock formation at the outer side of the inlet 1lip,.
The magnitude of this spillage drag depends on the mass flow ratio. Since the reference

model usually gpills more than the free flight nacelle, the term ACD will generally
spill
be negative. Determination of this term was outside the scope of the pres-.nt investigation.
ACD is the difference in pressure drag due to jet flow with respect to the free flow nacelle,
Pjet
CD 158 the external friction drag of the full scale aircraft, excluding the scrubbing drag
fr.ext. due to the engine flow.
aircraft
CD is the drag due to external elements such as antennes not represented on the wind tunnel
parasite model.,
dCD
AC is the induced drag as a conscquence of 1i1ft changes due to the engine flow @ ETon ACL.
induced L
ACD 1s the increase in drag for obtaining aircraft equilibrium.
trim F
C is the net thrust coefficient defined as C = et
Tt net  1/2 pV2.A
" ref
AC,Il is the change in net thrust due to external flow. In many circumstances, even at super-
net critical nozzle flow a3 will be seen later, the external flow will influence the nozzle

flow field resulting in shifts in the thrust coefficients and discharge coefficients. The
latter will then influence the ram drag term.,

AC, 1s the pressure thrust on the core engine cowl etc. at static conditions and equivalent

Jet O to the last term in equation 2. Since this external thrust on core cngine cowl was not
specified by the engine manufacturer, it was necessary to determine this term in the
wind tunnel program.

The purpose of the present investigation was to determine ACD and ACT and to gather knowledge of the
P jet O
Jet
nozzle flow field 1n order to determine possible changes of ACT . Since these terms are so-called

net
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pressure drag terms it was decided to emtablish their value by integration of the measurea pressure
distribution, rather then by overall force balance measurements. To evaluate the
increments from overall force balance measurements a very high force balance accuracy would have been
required in addition to very precise measurements of flow and jet total pressure. Nevertheless it was
decided to incorporate force balance measurements and flow measurements, in order to check the function-
ing of the engine simulator.

The next item to be established was the extent of engine flow simulation and the related pteps in
the wind tunnel program, Since emphasis was placed on the exhaust flow field only two fundamentaly
different techniques can be applied namely:

~ jet flow with partial inlet flow simulation
- jet flow achieved by external sources only {a faired inlet)

The first technique requires a device to increase the inlet air flow total pressure such as a miniature
turbo driven fan or an ejector.
The latter system has been chosen for this test under consideration because:

~ the system is more simple

- provide better exhaust nozzle flow field simulation
- is better controlable

= is cheaper

as compared to miniature driven fans.

With this technique it has to be shown that completely fairing the inlet has only minor effects on
the flow field around the wing, pylon and near the nozzles. Evidence that fairing is alluwed can be
concluded from tests as described in reference 4 and also from preliminary tests at NLR of which the
results are briefly discussed in reference 2. This choice then leads automatically to the next five steps
in the wind tunnel program.

Step 1 : Test of a model with a free flow nacelle to determine the reference conditions (model geometric—
ally identic to full scale),

Step 2 ¢ Test of the model with a faired engine inlet. Cold air must be supplied to the fan and core
engine exhaust in order to simulate the nozzle flcw of the free flow nacelle. This model will
give the new reference condition for the powered version and the certainty that fairing the in-
let with respect to the free flow nacelle is allowed.

Step 3 : Test of the model with full blowing engine without wind, giving the reference state of the static
engine. From this test the pressure forces on the external engine surfaces at Mach My, = O can be

obtained which are comparable with the real engine. This step gives the term ACT .

jet O

Step 4 : Test of the model at Mach M, = 0.8 with full blowing jet, simulating the real engine conditions
according to the expected power settings of the flight envelope and some off-design points,
yielding ACD .
Jjet
Step 5 : Examination of the fan nozzle flow field in order to establish possible changes in CT due to
external flow.

A schematic layout of the test program is given in figure 2.

FACILITIES, MODELS AND INSTRUMENTATION

The model tests concerning the first four steps were conducted in the NLR transonic wind tunnel (HST)at
a Mach number M, = 0.8. (Ref. 5). The tunnel was operated during the tests at a total pressure of 1 atm.
to allow the injected model cngine mass flow to be easily vented in order to maintain a constant total
pressure. This pressure level was also required to safely duct tne required air mass flow to the engine
nacelle in view of the limited space in the pylon. To easily ducl the mass flow to the model a semi-span
model configuration was used (Fig. 3).

For the powered models (step 3 and 4) compressed air was used to simulate the fan jet flow and the
hot decomposition products of 75 % hydrogen peroxide for simulation of the core engine flow. These hot de-
composition products very closely simulate the core engine jet properties as is described in references 1
and 2. This was not the only reason for utilizing hydrogen peroxide. Since the engine flow consists of two
flow streams, it was desirable to supply two independently controllable flows to the model also. Since the
space 1n the pylon is very limited, supply of a high density propellant like hydrogen peroxide through this
critical area simplifies the test set-up. 3

The airflow to the model, cupplied from a 600 m”, 40 utm. pressure vessel, was controlled by a
"throttle valve" and metered by &« sharp edge orifice device. The supplied air was heated by a heat ex-
changer to a suitable temperature close to the total air temperature in the wind tunnel. The liquid
hydrogen peroxide was supplied and controlladby applying a high pressure drive gas above the liquid surface
in a pressure vessel. The hydrogen peroxide flow was metered by a turbine flow meter.
For both flow metering systems the accuracy of mass flow was expected to be within * 0.5 %,
The fuselage and the wing of the semi-span model were attached to an external five component strain gage
balance situated on the outside of the side wall of the test section. Air and hydrogen peroxide were
supplied to the model passing this balance. Interactions due to supply line stiffness, internal pressure
and momentum exchange were small and calibrated.

The semi-span model had a scale of 1 to 19 giving a Reynoldsnumber based on mean aerciimamic chord
of Re = 4.7 x 10°, For boundary layer control transition strins approximately 3 mm wide and consisting of
number 150 carborumdum grain set in a plastic adhesive were situated on the upper and lower surfaces at
about 5 % chord length.

The semi circular fuselage contained the pressure sensing equipment consisting of fourteen 48 port
scannivalves. The horizontal tailplane was omitted.

During the investigation three model engine configurations were required, namely:

model engine conf. 1 : a free flow nacelle, without the core engine plug.

model engine conf. 2 ¢ a model engine with faired inlet, simulating exit conditions equal to the free
flow nacelle.

i AN A P L T 200 Bt B et P S
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model engine conf. 3 : a model engine with faired inlet, which simulated the scaled real engine exhaust
conditions.

For all three configurations the internal jet pipe contouring, from maximum jet pipe area to exit plane, was
scaled according to real engine co-ordinates.

In order to minimize model manufacturing induced inaccuracies, the external engine and pylon shell
surfaces along which pressure distributions have to be measured were the same for all three configurations.
Model configuration changes were accomplished by replacing inserts (see fig. 4).

As tests were concentrated on airframe-engine interference pressure taps were only located in regions of
interest (fig. 5). The wing chordwise pressure distributions were measured at three spanwise stations on
the upper side of the wing and at six stations on the lower side close to the pylon-wing junction. On the
pylon the chordwise pressure distribution was measured at six stations on both sides of the pylon. On the
fan cowl and engine cowl 10 rows of respectively 6 and 12 pressure taps in flow direction were
circumferentially distributed.

During the tests of configurations 2 and 3 the engine conditions were set according to internally
measured reference pressures in the jet pipes which were first calibrated with total pressure rakes in
the exit planes (fig. 6). The fan total pressure rake contained 60 pressure tules distributed over 10 rows.
For the powered engine version (with conical plug) the core engine rake contai.ed 24 pressure tubes and
for the natural flow models (without plug) 25 pressure tubes distributed over 6 rows.

Distribution of the pressure tubes of the rakes in radial direction was dictated by area weight considerat-
ions. Furthermore the model engine has been fitted with static pressure taps inside the jet pipes clouse to
the nozzle exit planes (20 for the fan and 6 for the core engine) and with thermocouples for measuring jet
total temperatures.

From the calibration of the jet total pressure it could be concluded that model engine settings
according to the calibrated reference pressures were reliable. The probability of measuring the true mean
total pressure was 99 % within the accuracy limits of + 0.2 % Eﬁi .

Pm
To obtain detailed information on the fan nozzle flow field in order to determine whether a term AC
exists, a planar version of the fan nozzle was manufactured and tested in a Ludwieg tube type of net

facility (Fig. 7). The dimensions of the nozzle were: glit height 12.4 mm and width 63 mm. The observations
of the flow field were accomplished using a Mach-Zehnder interferometer set at infinity. Using the Ludwieg
type of approach ensured completely turbulence-free flow, hence yielding optimal frainge shapes. The
observed fringes are isotachs except for locations close to the walls. The Ludwieg tube provides casy
operation procedures and yields very reproducible results during a running time of 30 millisec.

RESULTS
Inlet fairing

Configuration 2 should yield new reference conditions for configuration 3 with full blowing. Hence
the pressure distributions of configuration 2 have to be close to those of configuration 1 with the free
flow nacelle. In particular to ascertain that no mutual interference exists between the inlet flow field and
the exhausts field, there should be a section on the fan cowl where the static pressures are independent
of the conditions at the inlet and at the fan nozzle.

Two inlet fairing lengths have been tested. Figure 8 gives a comparison of typical pressure distribut-
ions on the fan cowl, core engine cowl, pylon and wing. It is seen that fairing the inlet has practically
no influence on the pressure distribution on all parts except for the most forward part of the fan cowl.
This strongly supports the already existing evidence that fairing the inlet is allowed for such airplane
configurations. The most slender inlet fairing yielded the best simulated pressure distribution or the
fan cowl. Hence, this fairing was selected for use in configuration 3 for full blowing. Simulating natural
flow blowing nozzles, shifts of the fan and core engine nozzle discharge coefficients at increasing angle
of incidence had to be taken into account. Since the overall shift was larger than the relative shift, an
average was set for the simulated mass flux.s to the fan and core engine nozzles. The total mass flow for
simulated natural blowing was corrected according to figure Y.

From these test series 1t could be concluded that model configuration 2 is a reliable new reference
model for detemmining ACD .

pjet

Determination of ACD
pjet

Figure 10 gives several plots of the effect of full jet blowing on the pressure distributions on
several parts of the model. Also a comparison is given with the free flow conditions. Again it can be seen
that in the proximity of the jets the jet effects are an order of magnitude larger than the inlet fairing
effecte. It is observed that jet effects are strongest on the lower inboard side of the wing and at pylon
stations downstream of the fan exit plane. A remarkable increase of the peak suction is observed on the
lower side of the wing at a station X/C = 0.2, at an angle of incidence a = O dvgrees. This pealr suction
diminishes if the angle of incidence is increased (Fig. 11). Also this suction peak decreases in outboard
as well as in inboard spanwise direction. The suction peak on the wing corresponds to another suction peak
on the inboard side of the engine cowl at the same model station and on the inboard side of the pylon at
local chord length X/C = 0.6. Both suction peaks on engine and pylon decrease slightly at positive angles
of incidence.

The static pressures on the fan cowl aft end increase slightly due to jet effects. This means that
Jet pluming dominates jet suction due to jet mixing.

It muct be emphasized that pc.ered conditions corresponding to the flight envelope are simulated,
which means that the nozzle pressure ratios are taken as a function of angle of incidence.

Of course the jet effects are largest on the core engine cowl where the wavy structure of the fan
jet flow is clearly visible.

Integrution of these pressure~forces towards a drag term yields the results as depicted in figure
12. The drag rise on the core engine and pylon 1s for about 50 % comnensated by thrust terms on fan cowl

and wing.
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Determination of AC .
Jv
jet O
The pressure distributions on the core engine at static (no wind) conditions are shown in figure 13
and compared at the same conditions with external flow. As might be expected due to external flow the
wavy pattern alters appreciably and the average pressure level becomes lower. Also the wing flow field
has a marked effect on the fan jet structure. Integration of the pressure distribution on the core engine
yields a thrust term of 1 to 2 drag counts, the pylon a thrust term of 0.6 drag counts, and the fan cowl
a drag term of 0.1 drag counts, the latter due to jet suction.

Determination of AC C
induced

Caused by a shift in pressure distribution on the wing lower surface due to jet effects, the total
lift coefficient decreases somewhat with respect to the free flow nacelle. Utilizing the force balance
results for the 1lift component the change in 1ift can be easgily determined. Knowing the derivative
dc
EEQ of the comp’ete reference model, AC is about 1 drag count. Although this term is small

L induced
compared to other jet interference terms, it cannot be neglected.

Determination of AC,
Tnet

As already mentioned, in order to decide on a possible existance of ACTnet' the best way is to

determine the nozzle flow field.

Since the core engine nozzle is slightly of the convergent-divergent type, no influence due to external

flow might be uxpected for this nozzle. Besides the core engine nozzle flow field is shielded by the fan

jet. The fan nozzle is of the convergent type, and might be considered as planar. Taking into account

only the nozzle internal convergence half angle and not considering the nozzle internal shape, a choking

pressure ratio PT of 2.46 might be expected, based on arguments as described in references 6 and 7
i/Px

ror example.

This pressure ratio is just within the range of interest for the present engine flying at Mach number

My = 0.8, Due to inner wall curvature the choking pre-sure ratio will be reduced, to what extent is

unknown however.

Figure 14 shows interferograms of the fan nozzle flow field at six pressure ratios ranging from sub-
critical to above choked conditions. Since the interferometer is set at infinity the fringes correspond
to isotachs.

Figure 15 is a typical example of the computed flow field as derived from the interferogram, includ-
ing some typical characteristics. From this picture it could be concluded that due to inner wall-curvature
the choking pressure ratio is reduced to 2.16. This value agrees very well with the location of the sonic
lines as derived from other interferograms as is shown in figure 16.

With external flow the maximum pressure coefficient on the fan cowl near the fan nozzle lip 1is

= 0.15, This means that the fan nozzle choking pressure ratio with external flow is about 2.3l which
is vell below the nozzle pressure ratio as applied in the wind tunnel program. However, at constant
power setting the fan nozzle will be non-choked at a flight Mach number beiow M, = 0.76. In that case
an effect will be observed of the external flow on the net thrust of the engine. For the case studied

in this investigation ACTnet = 0,

Total jet interference drag.

Adding all interference terms due to engine installation effects according to equation 6 (see fig.l7)
1t can be concluded that for the flight envelope points considered the total jet interference is 6 to 8
drag counts. The major interference occurs on the core engine cowl.

CONCLUDING REMARKS

The presented wind tunnel test program for determining engine induced drag rises, starting from
reierence wind tunnel models and engine thrust definition has been successful. It is shown that fairing
the inlet is allowed giving new reference conditions. Most jet interference drag occurs on the core
engine cowl and pylon. The fan cowl and the wing give some induced thrust terms. The induced drag due to
lift losses is small but not negligible. The external flow will not influence the nozzle thrust and dis-
charge coefficients at cruise conditions, though at only slightly lower flying speeds the net thrust
will be affected by the external flow. The observed total jet interference amounts t. about 2.5 % of the
total airplane drag and therefore has to be considered in the thrust-drag-accounting scheme of the air-
plane.
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Figure 3 Semi span model configuration in the wind tunnel

Figure 4a Inserts for natural flow

Figure 4c

Fairing and inserts for sir. ~!:. .1 Figure 48 Hydrogen peroxide decomposer for
of powered fan jet simulation of core engine jet

Figure 4 Three model engine configurations with inserts
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EFFET DES CONDITIONS EXTERIEURES SUR LE FONCTIONNEMENT D'UNE TUYERE
SUPERSONIQUE DOUBLE-FLUX

par Guy de Richemont
Avions Marcel Dassault - Bréguet Aviation 91120 St Cloud

et J. Délery

Office National d'Etudes et de Recherches Aérospatiales (ONERA) 92320 Chatillon

RESUNE

La conception d'avions militaires aptes &
remplir des missions variées nécessite ume
étude treés attentive du dispositif provulseur
compte tenu des conditions de compatibilité
avec 1'écoulement extérieur. Une des solutions
4 ce probléme d'adaptation se concrétise par
un dispositif bi-flux constitué de deux tuyeres
4 section variable. La nrésente communication
s'intéresse plus spécialement aux régimes de
fonctionu. ment ol le jet primaire recolle sur
la tuydre secondaire. On analyse en détail,
sur des configurations typiques, l'évolution
des phénomenes en fonction de la pression
extérieure ot de la distance séparant le plan
de sortie de l'injecteur priraire de 1l'extrémi-
té de la tuydtre., L'étude a mis en évidence
1'effet des conditions extérieures sur le
fonctionnement de la tuydre et permis de
préciser les circonstances dans lesquelles se
produit le désamorgage. On expose ensuite
certaines méthodes de calcul qui permettent de
prédire avec une vrécision convenable les
performances de la tuykre.

EFFECT OF EXTERNAL CONDITIONS ON THE FUNCTIOUNING OF A

DUAL FLOW SUPZRSONIC NOZZLE

Summary

The design of versatile military aircraft
implies a very careful study of the propulsion
system, taking into account interferences with
the external flow. A possible sclution to this
difficult problem of adaptation is that of a
dual flow system consisting of two nozzles
with variable sections. The present paper is
more particularly concerned with flow regimes
vwhere the primary jet impiges on the secondary
nozzle. It analyses the evolution of the
phenomena when the external pressure and the
distance between primary injector exhaust plane
and the nozezle exit are varied. This experimen-
tal study has shown the influence of the
external conditions upon the functioning of the
nozzle. In a second part theoretical methods
are given which allow a reasonable prediction
of nozzle performance under such conditions.

NOTATIONS .-

Symboles -

/1¢ 3 aire du col primaire.

B8 : ldvre de sortie de la tuyére secondaire.

C/ t coefficient de frottement pariétal.

Cq : u d'injection généralisé,

Cr: " de poussée.

0, : diamdtre de la section de sortie de la
tuyére secondaire.

D, : diamdtre du col primaire.

F/' ¢ poussée brute conventionnelle.

f;'_, : L] " en écoulement
isentropique.

F : facteur géométrique F= (_[l)’dﬁ) /(L Y)

H; : varamétre de forme (incompressible).

Ap : coefficient de pressione.

Ky : premier point critique.

K : deuxidme " 0

L : longueur de la frontidre du jet non
visgueux isobare.

M : nombre de Mach.

pression.

pression dynemique ( q.if e V’)

débit primaire.

s " secondaire.

point de recollement.

absciasse.

température absolue.

tratnée de culot.

vitesse.

absciase.
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¢

distance inter-tuyéres.

angle de convergence de 1'injecteur
primaire.

B : angle de convergence de la tuytre

secondaire.

rapport des chaleurs spécifiques.

-

J 1 épaissewr physique de la couche dissipative.
5 0 de déplacement L] 0

6, 8 de ouantité de mouvement.

¢ : masse spécifique.

O : paramdtre de mélange turbulent.

T 1 tension de frottement,

l[l,i t angles de recollement.

1

J' . " n

Indices -
{ 1 désigne les conditions génératrices.

relatives au jet
primaire.

a : désigne les conditions ambiantes extérieures

1 ] " "

isobare (cavité).

relatives & la zone

R : désigne les conditions au recollement.

au désamorgage.

non perturbé.

pour le recollement

- INTRODUCITON,-

La conception d'avions militaires aptes &
renplir des missions variées nécessite une
étude particulidrement attentive di dispositif
propulseure. D'une part la vost-coroustion
indispensable en supersonique imrose une
section de sortie largement var’able, d'autre
part le domaine de vol est tré. étendu en
nombre de Mach et altitude. ves conditions
rendent difficile 1'adapt.tion de l'arriére-
corps & tous les régimes de vole Ainsi pour
situer 1'intér8t de ces études, citons
1l'exemple d'essais en vol qui ont montré des
diminutions de tratnée voisines de 10% en
subsonique par suppression de décollements.
Meme en 1'absence de tels phénoménes les
gains potentiels sont importants. De plus sur
le plan des qualités de vol, les décollements,
du fait de leur instabilité, provoquent parfois
des mouvements latéraux incontr8lables. La
disparition de ces phénomecnes neut 8tre
considérée comme un sous-produit de la
recherche d'un bon écoulement.

Une des solutions & ce probléme d'adaptation
se concrétise par un ensemble de deux tuyéres
4 section variable, appelé dans la suite
éjecteur (figure 153

- une tuyere primaire dont le r8le est de
réguler la section critique du jet chaud
en fonction des conditions moteur,

- une tuydre secondaire assurant deux rfles
principaux g3 tout d'abord guidage et
mélange du flux froid de ventilation et du
jet chaud, ensuite adaptation des formes
intérieures et extéricures de 1'arridre-
corps aux conditions de vol.

TUYERE DOUBLE FLUX

tuyere secondaire

o
5
5}
E
X
a
°
v

col secondaire

X

;one ce
- -
recollement zone
d'interaction
interne /
axterne

b. Loi de pression interne sur lo tuyére secondaire

51 regime amorce
zone independante de
I'ecoulement externe

B \
R \ phase diamorgage

ou de deésamorgoge
éjecteur' amorce

n‘Ul_:-U

¢. Amorgage de la tuyére
FIG. 1

Se limitant aux cas ol le¢ débit secondaire
est faible, deux types d: fonctionnement
peuvent se présenter ¢

1 - le jet primaire ne ‘rappe pas la tuyire
secondaire. Alors, la zone inter-tuyéres
est sensiblement isobare,

2 - le jet primaire recolle sur la tuyére
secondaire. Ce phénomene s'accompagne
d'une recompression avec choc, parfois
suivie d'une détente sur la face interne
de cette tuyere.

lious ne nous intéresserons ici qu'au
deuxiéme cas. L'expérience montre alors
(figure 1C) que si l'on augmente suffisamment
le taux de détente (rapport de la pression
génératrice /l;J du jet primaire A la
pression ambiante externe f, ) la loi de
pressions internes réduite % /. (x)
devient en grande partie indépendante de ﬂ‘ >
4 1'exception d'une vetite zone située en
aval du recollement ou se manifeste l'interac-
tion entre les écoulements interne et externe
(figure 1b); en particulier la pression de
cavité fiy devient proportionnelle a la
pression génératrice ﬁ‘/ .

Ce régime est aopelé ici "fonctionnement en
éjecteur amorcé". Il fait 1'objet des
réthodes de calcul exnosées dans la suite.

Méme en se limitant A ce régime on doit
encore distinguer deux modes de fonctionne-
ment 1iés & la distance X séparant les
plans de sortie des deux tuyéres. Partant
d'une longueur X  importante et se plagant,
pour simplifier, dans le cas ol la tuyere



secondaire est cylindrique 1'expérience
montre qu'un raccourcissement est d'abord
sans effet sur le niveau des pressions inter-
nes (en varticulier la pression de cuvité 3
est invariable), puis se traduit ensuite par
une baisse générale des pressions. On passe
alors du régime "éjecteur long", ol le
recollement est régulier, au régime "éjecteur
court" ol le recollement est perturbé par
ltextrémité de la tuydre.

La présente communication comprend d'abord
une partie essentiellement expérimentale ol
1'on s'est efforcé de préciser le fonctionne~
ment de la tuydre dans le régime “éjecteur
court" en portant plus spécialement son
attention sur l'influence des conditions
externes. Pour des raisons de simplification
technologique d'une part et afin d'analyser
plus commodément les phénoménes d'autre part,
1l'effet de 1l'écoulement extérieur réel est
simulé par une pression ambiante fi; constan-
te mais dont le niveau peut 8tre ajusté.

Dans une deuxidme partie sont présentées des
méthodes de calcul qui permettent de prédire,
avec une précision convenable, les performan-
ces de la tuydre en régime amorcé, c'est-a-
dire lorsque les pressions internes ne
dépendent pas de fagon sensible des condi-
tions extérieures.
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fait office de chambre de tranquillisation
aprds les trois étages de détente qui ont
fait passer la preasion de 250 bars A la
valeur f‘/ voulue.

La tuydre secondaire, jouant le r8le de
paroi de reprise pour le jet, est un
élément interchangeable. Trois types de
reprise ont été esseyés (voir figure 3) i
d'abord un mandxn cylindrique de 50 mm de
diamétre. Bien que peu réaliste, une telle
forme permet, en raison de sa simplicité,
une interprétation plus commode des phéno-
ménes, ainsi que nous le verrons plus loin.
Les deux autres tuydres sont de forme
tronconique présentant des angles de
convergence B égaux A 7 et 15°
respectivement. Leur diamétre de sortie

De est égal & 40 mm. Chaque reprise est
équipée de prises de pression statique
disposées au voisinage d'une méme généra-
trice avec un pas de 1 mm.

La tuyére secondaire débruche dans une
chambre cylindrique de 100 mm de diamdtre
faisant office de caisson & pression
constante. En aval, cette chambre est
reliée & un dispositif d'aspiration dont
la régulation permet d'ajuster flg « Ainsi,
agissant simultanément s fy et sur fi;
on est en mesure de réal.ser des rapports
fa /ﬁ‘l assez largement variables.

La tuydre secondaire et le caisson qui lui
est solidaire, sont montés sur un chariot

2 « ANALYSE EXPERIM-NTALE DU FONCTIONNEMEZNT D*UN (voir figure 2) qui peut 8tre animé d'wn
EJECTEUR SUPERSONIQUE COURT.- mouvement de translation par rapport & la

tuyére primaire. Un tel dispositif permet

2.1 - Montage expérimental et technique de mesure. d¢ faire varier continuement la distarcze X

Le montage expérimental utilisé pour cette
étude est représenté schématiquement
figure 2. I1 simule une tuyére &4 deux flux
dont le jet débouche dans une atmosphdre
au repos.

La tuytre primaire est constituéde d'un
injecteur tronconique de 30 mm de diamcire
au col. L'angle de convergence (X est
variable; les essais ont été effectués
pour & = 10 et 20°, Le flux primaire est
un jet d'air dont la pression génératrice
fij peut 8tre ajustée jusqu'a unc valeur
maximale de 5,5 bars. Le minimum de P
voisin de 2,5 bars, est imposé par la
condition d'obtenir un jet dont la couche
de mélange est turbulente depuis l'origine.
La température génératrice 7T;, était
proche de 260 K. L'alimentation de la
tuyére se fait par un tube emont de 680 mm
de long et de 80 mm de diamétre contenant
plusieurs filtres anti-turbulent. Ce tube

séparant le plan de sortie de l'injecteur
de celui de la reprise.

Les éléments supportant les tuydres primaire
et secondaire constituent un ensemble
cylindre-piston délimitant une caovité
étanche dans laquelle peut 8tre pratiqude
une injection d'air simulant un éventuel
deuxidme flux. Cette possibilité n'a pas
été utilisée pour les présents essais qui
ne concernent que le cas oi le débit
secondaire est nul { g =0).

DEFINITION DES TUYERES

a « 0%t 20°

a . Tuyeres primaires

SCHEMA DU DISPOSITIF EXPERIMENTAL

Tuyere primuire 30 prises de pression 40 prises de pression
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La procédure expérimentale adoptée a été
la suivanie 3 pour chaque cougle tuydre
primaire - reprise secondaire™ et en se
plagant & des rapports fig /,!.', différents,
on a fait varier la distance , depuis
une profondeur suffisante pour que le jet
primaire recolle sans 8tre influencé par
les circonstances aval, jusqu'd la valeur
limite oli, compte tenu de la pression fg4,
le jet ne peut plus recoller sur la reprise.
Pour chagus distance X considérée, la
répartition de pression sur la reprise a
été relevée et les pressions i, , f, et
F‘J ont été mesurées.

2.2 = Résultats expérimentaux.

Une vue d'ensemble des phénoménes est
donnée sur les figures 4, 5 et 6 qui
montrent les distributions pariétales de
pression pour trois dos configurations
étudiées dans des cas ol, le rapport fg //n/
étant maintenu fixe, on fait largement
varier la distance X o Sur la figure 7
sont tracées les évolutions correspondantes
de la pression de cavité fiy qui est une
grandeur caractéristiaue du processu: de
recollement.

Dans 1'exemple relatif & la reprise
cylindrique ( B =0), la pression ambiante
q @st largement supérieure aux pressions
régnant dans la tuyére lorsaue le recolle-
ment est régulier, c'est-a-dire non
perturbé ( ﬁ./fc)‘: 0,245 pour un niveau
maxigal de pression interne de 0,198). On
constate oue la pression de cavité fy est
indépendante & la fois de X et de fg
tant que X est supérieur & 26 mm. En dega
de cette valeur, fy/fi croft légbrement
mettant ainsi en évidenc2 une influence de
la vression aval sur le recollement. Si X
est inférieur 4 24,5 mm, le jet primaire ne
peut plus recoller sur la i<prise. La
pression dans la tuydre s'établit .lors &
un niveau sensiblement constant et voisin

de fa-

Pour la reprise tronconiaue d'angle de
convergence A = T°, les répartitions
variétales ainsi oue 1'évolution de fy //14/
mettent en évidence des phénoménes particu-
litrement intéressant.. Dans l'exemple
choisi, ﬁ,/ﬁ‘}',égal 4 0,216, est nettement
inférieur au niveau maximel de pression
atteint dans la tuytre. Considérant la

courbe f,/}‘/ fonction de X
¥y distinguer trois régions.

, on peut

Pour X compris entre 24 et 34 mm
(domaine 1) le recollement n'est vas
influencé par les circonstances aval : il
ne dépend cue des conditions amont et
locales résultant de la détente du jet
ainsi que de la pente de la paroi. De ce
fait, la croicsance de f, /M lorsoue X
diminue est due ici aux changenments géomé-
tricues vrovenant du déplacement injecteur
primaire reprises Quand X devient
inférieur & 24 rm, (domuine 2) l'effet de
la détente se produisant A la lévre B de
la tuyére se fait sentir. én conséauence,
on observe une diminution de la pression
de cavité jusqu'au moment ou X dtant
inférieur & 12,5 m, le jet ne recolle plus
sur la reprise.

en fait, la majorité des essais ont ¢td
effectuds avee l'injecteur d'angle @& = 10¢,
ce prramétre n'gyant au'une faible influence
sur les phénomeénes étudiés.

Pour X supérieur A 34 mm (domaine 3) se
produlsent des vhénomdnes également tras
instructifs bien que ne faisant pas inter-
venir directement la pression extérieure fiz.
Quand X est égal A 35 mm, la détente qui
se produisait jusque 1A en aval de la zone
du recollement est déplacée et précédée

var une seconde compression trds rapide.

Un tel changement est dQ A l'existence
dwnpoint triple I 1ié A la présence d'un
disque de Mach dans le jet supersonique.

En effet, nowr X > 35 mm, le choc oblique
montant ., issu de I se réfléchit sur la
frontidre du jet & l'extérieur de la tuyore.

REPARTITION DE PRESSION
SUR LA TUYERE SECONDAIRE
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REPARTITION DE PRESSION
SUR LA TUYERE SECONDAIRE
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EVOLUTION DE LA PRESSION DE CAVITE
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Lorsoue X est voisin de 35 m, (3
percute 1la paroi de reprise. La réflexion
de (3 s'accompagne alors de ls formation
d'un choc descendant (j et se traduit par
une montée rapide de la pression pariétale.
Tant que X est jnférieur A 36 mm, le
recollement du jet ne semble pas influencé
par cette compressiom, mais d¢s que X est
plus grand que 36 mm une interaction se
fait sentir. Elle entrefne une augmentation
de 1a pression de cavité R, .

Des phénoménes analogues sont observés
dans le cas de la reprise d'angle 8 = 15°
On notera cependant que l'interaction en
compression n'apparatt pas sur les courbes

de la figure 6 de fagon aussi manifeste que
dans 1'exemple vrécédent.

Afin de mieux comprendre le processus
d'interaction et de préciser les circons-
tances proches du désemorgage du jet, des
expériences systématique: ont été effectuees
en faisant varier la pre. sion ambiante fig «
Les figures 8, 9 et 10, relatives respecti-
vement & 3 =0, 7 et 15° montrent auelques
unes des répartitions pariétales Il/ﬁi'=/(5)
relevées pour des X décroissants et pour
quatre valeurs du r-pport 7!. /f‘/ + Joutes
les courbes ont une allure commune; pour
les valeurs les plus basses de fla é{l"j q
le désamorgage - c'est-d-dire la valeur
limite de X en dessous de lacuelle le jet
r.e veut nlus 1 scoller sur la reprise - est
précédé d'une décroissance trés nette de la
pression de cavité. En revanche, pour les
fa /i élevés, réalisés seulement lorsque
B= 6, on n'observe qu'une faible augmen-
tation de fiy qui se produit peu de temps
avant le désamorgage. Les figures 11 et 12
montrent la veriation de Ay /ay en fonction
de la distance réduite X /0, pour les
trois tuyires étudides. Ainsi qu'il a déja
été dit, quand ﬂ es¢ différent de O
(tigure 12), My/ni verie avec X/O; mlme
en 1'absence d'influence avale Il est
loisible d'estimer une cowbe &, /f s /(X/)
cui ~orrespondrait & un recollemen "libre"
se produisant sur une paroi tronconique
assez longue pour que les conditions
extérieures ne se fassent pas sentir.
Ltinteraction se traduit alors par des
évolutions de A, qui stécartent de cette
courbe "de base".

La figure 13 donne l¢s distances réduites
de désamorcage X/ en fonction de

fic /Aij » Rappelons que, par commodité,
le désamorgage est ici défini comme le
moment ol le jet ne peut plus recoller sur
la paroi de reprise, Cette définition
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particulier. ) cet aspect des phénomenes
ne doit pe. ¢re confondue avec celle qui
correspond au cas des éjecteurs fortement
raccourcis, ou la tuydre est dite amorgée
lorsque M, est indépendante de fla pour
des valeurs fi, /ﬁ,/ trés faibles.

Les points portés figure 13 présentent une
dispersion et une incertitude attribuables
& la difficulté de déteruiner avec précisiom
et bonne reproductibilité un phénoméne
entaché d'hystérésis.

Les phénombnes observés au cours de cette
étude s'interpreétent en grande partie, a
partir de la notion de points criticues
dont 1'existence a été démontrée par des
expériences antérieures effectuées &
1'0.l.E.30ke £1-2] . Soit fi(x) la révar-
tition pariétale de pression pour un
recollement turbulent non perturbé, suvposé
plan afin de simplifier,le recollement est
perturbé en imposant au point @ ,
d'abscisse Xg variable une pression fa
réglable. On constate alors l'existence
de deux points particuliers A, et A;
pour la vosition de @ (voir figure 14).

POINTS CRITIQUES K1 ET K2

N
P1 : - -
R Ps
FIG. 14 Vi

a-S5i @ estentre Ayet Ay , la
pression suit la courbe £(r) nowr X4 Xy
pourvu nrue Mg Soit ajustée & la
valeur ﬁ (xg) . Sinon la perturbation
s'étend & toute la zone décollée.

b-Si @ estenaval de A ,1la
distribution de pression est indépendante
de fiq , & condition toutefois que Aq
soit inférieure & un niveau maximal

-z fi{x)+d ; 1'éeart A

tﬁ?n‘i‘;nt cers) zérg‘ aquand @ s'appr,‘oche
de K3 o Ce résultat s'explique par le
fait ou'une perturbation de pression
positive se propage vers 1'amont, selon
un processus d'interaction visqueuse
forte, sur une distance 4 d'autant
plus longue que 4 est plus grand.
Tant que l'origine de l'interaction est
en aval de Kz , le recollement est
inchanugé jusqu'en Kz .« En revanche,

si cette origine remonte en amont de

Kz , 1l'ensemble du phénoméne est
influencé en vertu de a). Dans le cas
o An  est négatif, les perturbations
admissibles peuvent 8tre beaucoup plus
intenses. En effet, les détentes ont,
surtout en turbulent, des longueurs
dtinteraction trés courtes.

D'aprés ces considérations, le point A
jouit des propriétés du point critique
prévu par les méthodes intégrales du type
Crocco-lees [3 - 4] , alors que Ay semble
se confondre avec le point de recollement R.

Les présentes expériences confirment le
fait aue le recolliement et en particulier
la pression de cavité fiy , ne sont pas
affectés par les conditions extérieures,
4 condition que la distance inter-tuytres
X soit suffisante. Plus précisément,
il est possible de déterminer ume longueur
limite X permettant de situer A3z qu'il
est plus significatif de repérer par rapport
au point de recollement A . L‘échelle du
montage étant trop réduite pour que A
puisse 8tre localisé avec précision par
visualisation su moyen d'un film pariétael,
le point de recollement est ici placé &
1l'endroit ol la pression locale égale la
pression d'arrét Ay sur la ligne limite
du mélange turbulent isobare & f, .

Cette approximation suppose que le recolle-
ment est un processus ascoz rapide pour que
les effets visqueux soient ncgligeables
entre la fin du mélange et R .« La
pression ;¢ & été calculée & partir
de la théorie simplifiée de Korst [5] en
tenant compte d'un effet de couche limite
initiale, qui bien aue trés faible dans le
cas présent, ne peut cependant &tre entie-
rement néglizée. Le point A, est détermi-
né en notant la position A partir de
laguelle f1, s'écarte de 1'évolution

f, (X) qui serait la sienne en 1'absence
de perturbation.

Lorsque fig est inférieure aux pressions
locales, on peut admettre que Az est
confondu avec la lévre B de la tuydre
secondaire par suite de la trés faible
distance de remontée des détentes. Quand
le recollement est perturbé en compression,

K, est localisé a l'origine de la
courbe d'inter=ction pour laquelle on note
une déviati~u sensible de f, .

Les distances RK, ainsi définies ont été
d'abord normalisées par la longueur L de
la frontiére du jet supersonique non
visqueux supposé isobare jusqu'a son impact
avec la reprise (voir figure 15 a). En fait,
1'épaisseur AR de 1la portion subsonique
de la couche dissipative au niveau du point
de recollement semble 8tre une échelle

plus caractéristique du phénomdne [61] + Ag
s'écrit sous la forme @

dg = _}A_ (Mg Hiz) &

ou 5,3 est l'épaisseur totale de la zone
dissipative en R et A/§ une fonction
du numbre de Mach au recollement Mg et
d'un paramétre de forme Hig caractérisant
le profil de vitesse au recollement que
nous supposerons invariant. Il est vraisem-
blable d'admettre que JR est proportion-
nelle & 1'épaisseur de la zone de mélange
isobare, ainsi
L
JR o e

0
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oi ¢ est un paramdtre de mélange fonction

du nombre de Mach M, et de la gdométrie.
En écoulement de révolution :

-
T F

ot F est un fecteur géométrique
d'expression 3

L
Fo ./ YdS
LY
Y désignant la distance & 1'axe et

l'intégrale ) Y45 étant calculée le long
de la ligne de jet isobare.

Ainsi :

LF

Op

On constate, figure 15 b, que EE;/A’;;
demeure sensiblement constant et voisin de
10 pour des configurations varides (écoule-

ments plan et de révolution) et des nombres
de Mach M,  différents.

AR @ A; = ('?')R

POSITION DU POINT CRITIQUE K2

03 _ RK,
L x recollement plan [ 1 ]
a v conique [ 1 ]
‘ﬂ
02 1 = |
s pLO
. \
[
o1l k= |
5 _RK,
4 A; « epaisseur de la zone
R subsonique au recollement
b I
10} &) 8 B
[} a
X
| M
5 1
15 25 3
FIG. 15

Etudions & vrésent 1'effet de la perturba~
tion créé par flq sur la pression de
cavité fi,. L'examen des figures 11 et 12
met en évidence les faits suivants s

- quand la vression fg est inférieure aux
valeurs locales de la répartition de
base f(x) dans le voisinage du recolle-
ment, fi, devient inférieure au niveau
non perturbé o Si 1'interaction en
détente est tres forte, f, devient
indépendante de fig (ce phénoméne est
surtout apperent firure 12). Tout se passe
alors comme si fty n'était fonction que
de la distance X' , le recollement se
modifiant de fagon telle que R  soit
4 une distance bien déterminée du bord de
fuite B, Un tel régime o fig est sans
effet sur fi, et donc sur l'écoulement
dans la tuyére est appelé, var convention,
tonctionnement en éjecteur court amorcé
et se pr8te au calcul selon une méthode

exposde § 3. Par commodité, le point A
dont la localisation n'est possible jue
si on connait la ré.artition de pression
au recollement est alors remplacé par le
point d'impact de la ligne isobare qui
elle peut 8tre déterminée en fonction de
fi, seule (voir la corrélation donnée

figure 19 )'

pour les détentes moins intenses ainsi que
pour les compressions on note une dépendan-
ce de f; A& la fois & 1'égard de X et
de fig (voir figure 11). Dans de tels cas
il n'existe pas encore de méthodes de
calcul permettant de prédire ce double
effet,

Précisons wmaintenant les circonstances
dans igsquelles survieat ce que nous
appelons ici le désamorgage, c'est-a~dire
1'instant ol le jet ne peut plus recoller
sur la tuyére secondaire. La figure 16a
donne les valeurs ﬁ; de la pression de
cavité f, irmédiatement avant le désamor-
cage sous forme de l'écart relatif
(pf-% )/ fonction de (fe-fir)/ fin
ou fy est la pression au point de
recollement pour la configuration non
perturbée (nous avons_adopté ici fig car
c'eat une grandeur fq = fi;¢y directement
accessible h partir de £, , ouentité
égaloment calculable).

CONDITIONS AU DESAMORGAGE

Tk | ) guse s
] EI ‘u._._l.l'.. X S
ar@y - /
Il‘
"
I g
B b || A
; ¥
‘ nj ‘ PP pr'es:sions non perturbées
| PO_'
I 1 R
-1 -05 0 03
a.- Pression de cavité ou désomorgage
X 12
T
2!
| !/
% PO T Y
. 7 o '
5 1
o 1 11y e
[ [
a.- = p -
FIG. 16 .;g? 3 _facp
o as I il
-02 0 02 04

b. Distance réduite de désamorgage

On notera ¢

- lorsque fig est inférieure & fip , le
désamorgage peut 8tre précédé par ume
trés forte interaction en détente de gy,

- pour les valeurs de fq supérieure A fI.,
le désamor¢age se produit brutalement
sans aue f, soit auparavant inter-
actionné en compression de fagon sensibla

Figure 16b sont portées les profondeurs X’
(normalisées par la longueur L ) pour
lesquelles le désamorgage se produit. Ce
renseignement peut 8tre divectement utilis’
dans la pratique.
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Enfin, la figure 17 mortre 1'évolution de
la distance réduite AB/L séparant le CALCUL DE LA REPARTITION DE PRESSION INTERNE

point de recollement du bord de fuite en SUR LA TUYERE SECONDAIRE
fonction du rapport fe/Mg o Quand

fa/pa est inférieur b {'unité (inter- P M
action en détente), la longusur A8 T-'._
devient trds courte; en revanche, pour 4 u
les compressions ( fiq /pe >1) , 1le |5
désamorgage survient lorsque la perturba-
tion est appliquée A une distance en L I + B 4
avel de R d'autant plus grande que L R, E
s'éloigne de 1. a
DISTANCE D’INTERACTION AU DESAMORCAGE | corrdlation comclérislique:décollemenl
Fig.18 T " + correction 8, turbulent
e :— éven'uel
BBy 3
LRy PraPi . / - la recompression DM est mise en place
0.2 __ X 4 1'aide de corrélations expérimentales
[9] qui permettent, en particulier,
de situer les points Det M et
ol x d'évaluer le coefficient de pression
R B / aanor Kpm= (fn-14) /9
- ‘/ ~ la détente subséquente est calculée
: " B=0° «x par la méthode des caractéristiques
. B= 7 o (courbe 1). Si une correction consis-
i = tant & déplacer la paroi d'une distance
: égale & 1'épaisseur de déplacement J*
5 i Pa aprés recollement est effectuée, on
I { Pr obtient la courbe 2 qui est ensuite
oL =] $
08 7 12 4 raccordée A la recompression.
FiG. 17 L'expérience montre ou'une diminution du
taux de détente M /fa peut entrafner
une remontée de pression ores du bord de
3 - METHODES PRATIQUES DE CALCUL.- ﬁtzite :t mémo un décollemen’t‘:, qui, s'il
atteint le point critiaque Az , wnrovoque
Le but recherché est la détermination de le désamorgage de la tuyére.
1a répartition de vression et de frottement
sur la tuydre secondaire afin d'en déduire Le décollement peut &tre vrévu A partir de
la poussée de 1l'éjecteur. Il s'agit de lois de similitude [10) qui vermettent
calculer : d'établir un critere de décollement naissant
et de calculer la compression liée au
- la pression de cavité fi, en fonction de décollement.
la géométrie de la tuyére et du débit
secondaire ¢; , compte tenu des caracté- L calcul dufrottement sur la tuyere
ristiques du jet orimaire (débit 7 SECCI.ldB.‘LI‘e est basé sur la relation de
conditions génératrices poT Ludwieg et Tillman aui donne le coefficient
richesse du mélange carburé si le jet de frottement incompressible (Y, en
est chaud), fonction du paramttre de forme A, et du
norbre de Reynolds calculé avec 1l'épaisseur
- la recomnression accompagnant le recolle- de ouantité de mouvement & . Le (
ment puis la détente éventuelle en aval compressible est ensuite déduit de la
de ce dernier, formule : -
e \-9f
- le frottement sur la reprise, C/ = C/i (7 + 0,144 Me)
= l'interaction en compression traduisant I1 s'agit donc de déterminer les évolutions
une remontée possible de la pression de H; et de & , d'abord pour la fractim
ambiante R4 dans la couche limite du mélange situde au dessus de la ligne
: e G o limite puis pour la couche limite en aval du
] 1 s recollemente. Pour cela on procéde de la
3el = C_a_s_de_ .__ej_e_c_t_e.u_r__lg_ng.- faqon suivante 3
L'interprétatj:or'x des e“ér??nces,d‘,‘ . - les effets de la détente sur la couche
1] persgraphe vrécédent conduif & définir limite initiale et de la compression sur
¥ ce fonctionnement var la condition aue le m*lange (lors du recollement) sont
les perturbations résultant des conditias calculés par la méthode de Reshotko et
extérieures ne remontent pas en amont du
e Tucker [11] ,
point critiaue Kz »
- ’ - entre les deux, lo structure de la couche
Dans ce type de regime, la méthode la de mélange isobare est définie par la
plus .fxatmftnszmte pour évaluer la méthode de Kubota et Dewey [12] ,
pression de cavité A, est basée sur le
concept de loi angulaire de recollement - dans la recompression en aval du recolle-
L7 ',8 1. Les bases d? ce calcul sont ment H; est évalué selon une techniaue
exposées de fagon détaillée en Annexe. proposée par Mce Donald [131] ,
Une fois f, connue, la répartition de
pzl'essic.m'sur la tm'rére secondaire est - plus en aval enfin, 8 est calculé &
gefernin-sfion) Eogbinant Jesiehints partir de 1'éountion intégrale de Von

visqueux et non visqueux (voir figure 18% Kirmdn ot H; est subposé constant.
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Cra

Pour la tuyére primaire seule, la poussée
brute conventionnelle & la pression A est
(si 1'écoulement au col est supposé uniforme
et la couche limite négligée)

e q Vs (pi-pade -
La poussée globale conventionnelle fe/' au
point fixe s'obtient en retranchant 4 'la

poussée interne de la tuytre primaire la
tratnée de culot définie par :

L 3
o flpaenrone [[2as-g
1

ol A = section droite,

S = surface mouillée de la reprise,

T = tension de frottement (en fait
intégrée seulement en aval du
recollement).

En raison des faibles débits secondaires
et des grandes sections de passage (Vs=x 0)}
gy Vs  est négligé.

Afin ae se comparer aux résultats existants
(notamment ceux publiés par le NACA), nous
calculons & partir de flp et F' le
coefficient 3

poussée globale de 1'éjecteur y
= -
poussée de la tuyére poimaire seule

\"_\l,,\'

342 = Cas de 1l'éjecteur court.-

Ainsi que 1'a montré 1'étude expérimentale
qui précede lorsque la tuydre secondaire
est raccourcie, le recollement du jet
primaire est influenc por Lot coaditions
exidricures, Cet effet se fait sentir,
rappelons le aquand 1'origine de la vertur-
bation atteint un point critique K, 1ié
au recollement non perturbé, qui se produi-
rait sur une paroi prolongée indéfiniment.

Dans ces circonstances, la pression de
cavité fiy est, en reégle généralg & la
fois fonction de ltintensité de la perturbe-
tion (mesurd@par fa/fg , var exemple)

et de son point d'application relativement
au recollement, c'est-a-dire de X .

Toutefois, on a observé que pour une pertur-
bation en détente suffisamment forte

(fa €M), po devenait pratiquement
indépendante de fig , la distance X étant
le seul . ~amétre d'influence. On a alors
défini un ségime d'éjecteur court amorcé
en ce o2n' que 1'écoulement dans la tuyere
ne dépenda’t plus des conditions aval. La
méthode de :alcul qui va maintenant 8tre
exvosée ne s'applique qu'd ce type de
fonctionnement. Le processus adopté, large-
ment empirique, est le suivant :

a - on détermine d'abord le point de
fonctionnement A de 1'éjectew long
de la famille considérée dans le cas ol
la couche limite initiale et le débit
secondaire sont nuls. Pour faire ce
calcul il est donc supposé que la tuyére
secondaire se prolonge indéfiniment,

b - le noint de recollement R étant, pour
des raisons de commodité, confondu avec
le point d'impact de la ligne de jet
isobare, le point critiaue KA; est mis
en place. Pour cela on utilise plutdt
la corrélation donnée figure 19 qui
permet de déterminer la configuration
limite pour laquelle Kz est au bord
de fuite 8 . 5i, dans le cas traité,
le point de coordonnées My et KB F /L
est au dessus de la courbe "éjecteur
limite", on a affaire & un éjecteur
"long", sinon l'éjecteur est "court".
L'application de la loi angulaire de
recollement doit alors &tre modifide
comme suit,

¢ = l'exploitation de diverses expériences
a montré que l'angle de référence ¥
augmente beaucoup plus vite avec M,
dans le cas d'un recollement singulier
tel aue celui qui se produit pour un
éjecteur court (voir figure 20). En
outre, il a été constaté que 1l'écart AW
df au raccourcissement de la paroi est
trés sensiblement égal & l'angle A¢
(voir figure 21) que font les directions

Dl(z et DB , K, étant le point

cntique pour le recollement pon perturbé
qui se produirait sur une paroi suffisam-
ment longue. Ainsi qu'on le constate
figures 22 et 23, cette loi empirique
permet de retrouver, avec une bonne
approximation les résultats relatifs
A des éjecteurs courts non ventilés

(q‘:O)D

EVOLUTION DE LA DISTANCE CRITIOUE REDUITE AVEC LE MACH
EJECTEURS SANS VENTILATION,LIMITES OU COURTS

=TE] Fy Lrds
F R
02 Eyectour limite

a1 I ~,

Ejecheur court /

e ONERA
<

0
FIG. 19 15
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ANGLE DE RECOLLEMENT POUR DES EJECTEURS
CYLINDRIQUES LONGS OU COURTS
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CORRECTION DU CFRIiTERE ANGULAIRE

POUR UN EJECTEUR COURT
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FiG. 21

VALIDITE DU CRITERE ANGULAIRE
DE RECOLLEMENT SINGULIER
POUR EJECTEURS COURTS
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FiG. 22

PRESSION DE CAVITE EN FONCTION
DE LA DISTANCE ENTRE COLS
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FIG. 23a

PRESSION DE CAVITE EN FONCTION
DE LA-DISTANCE ENTRE COLS
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d - si le débit secondaire ¢s n'est pas
nul. un écart AY(¢;) est d'abord
calculé en procédant comme indiqué en
a-b-c A(p(g,,o) , ayant été
préalablement déterziné , on applique
la correction finale :

A¢ - DY (q,)-BY¥(3..0) .

Les calculs sont comparés a l'expérience
figures 24 et 25, La figure 24 montre des
évolutions de la pression de cavité A, en
fonction du taux d'injection secondaire

‘7;/‘7/' o

]
3
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PRESSION DE CAVITE DEJECTEURS AMORCES
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PRESSION DE CAVITE DEJECTEURS AMORCES
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FIG. 24¢

On constate que la concordance des résultats
est dans 1l'ensemble satisfaisante. Des
écarts importants n'existent que pour
1'exemple d ol le recollement devient
transsonique. Ils s'expliquent par le fait
que la loi de recollement utilisée n'est
valable que si l'écoulement demeure entitre-
ment supersonique. Les prédictions du
coefficient de poussée Cr sont également
trés bonnes. Il ost & noter que les mesures,
tirdées d'essais assez anciens ne sont pas
trés précises. Les calculs ont montré que

le frottement sur la tuyére secondaire est
pratiquement négligeatle (inférieur & 0,3)
de la poussée primaire méne pour les
éjecteurs longs.

COEFFICIENT DE POUSSEE
EN FONCTION DE LA VENTILATION
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COEFFICIENT DE POUSSEE
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4 - CONCLUSION,-

La premidre partie, de nature expérimenta~
le, & permis de préciser l'effet d'une
pression extérieure fla variable
lorsqu'on diminue la distance X séparant
le plan de sortie de l'injecteur primaire
de l'extrémité B de la tuydree. Elle a mis
en évidence les faits suivants 3

- 5i le prtwbation créée par fig est en
aval d'un roint critique A , le
recollement du jet primaire, (en
particulier la pression de cavité fiy ),
n'est pas influencé par fiy « Une corré-
lation est proposée aqui permet de situer

K3 par rapport au point de recollement

- 81 la perturbation remonte en amont de
Ky, le recollement se trouve modifié
et en régle générale fi, est A la fois
fonction de X et de fq .« Toutefois
si fla est trés inférieure & la pressim
en R , A, devient indépendante de fia
et donc ne dépend plus, en premiére
avproximation, cue de la distance X .
On peut ainsi définir un régime de
fonctionnement en éjecteur court amorcé.

- enfin, il existe une distance X minimale,
d'autant plus courte que fiz est plus
faible, en dega de laguelle le jet
primaire ne peut plus recoller sur la
paroi de reprise secondaire.

Dans la seconde partie, sont proposées des
méthodes de calcul qui permettent de
prédire les performances de la tuyere en
régime amorcé (éjecteur long ou court).

Les résultats obtenus se comparent
favorablement & l'expérience.

Les essais et les calculs montrent aqu'un
éjecteur & paroi secondaire convergente
peut faire gagner de la poussée, A
condition de limiter suffisemment 1'expan-
sion du jet primaire pour que la pression
de cavité soit supérieure A la pression
ambiante au taux de détente imposé.

Comme d'autre part, 1'amorgage entraine
une perte de poussée plus faible sur wun
éjecteur court que sur un éjecteur long,
on congoit 1'intér8t de ce type de tuyeres,
puisqu'il semble que 1'on puisse en tirer
une bonne efficacité de propulsion au prix
d'une mécanique assez simple et d'un poids
raisonnable.

ANNEXE

METHODE DE CALCUL LE LA PRESSION DE CAVITE.-

(cas de 1'éjecteur long).

La détermination de la pression de cavité fiy
utilise une loi angulaire de recollement appli-
quée d'abord au cas plan.

Les expérirn.es systématiques faites & 1'ONERA
ont fourni les renseignements empiriques
permettant d'étendre cette méthode aux configura-
tions axisymétriques.

Sous sa forme linéarisée, la loi de recollement
g'écrit @

A1) WG o
(A1) Wa T (M. p)+ % (M.,y) Gq

-2
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\

ou 3

- Y est 1'angle d'impact sur la paroi de la
frontidre du jet non visqueux isobare a la
pression fy (voir figure 26 ),

= ¥ est 1'angle de recollement dans les
conditions de référence, c'est-b-dire en
1'absence de couche limite initiale et
d'injection de masse dans la cavité (g;=0),

- (g est un coefficient de débit généralisé
qui regroupe les effets d'injection, de
quantité de mouvement et de couche limite
initiale. I1 s'éerit 3

Vi
(4.2) Ga % (1- & .8
e, 4L Lrz,

ol Xy est un décalage d'origine qui permet
de tenir compte de l'influence de la couche
limite sur le mélange turbulent isobare.

CRITERE ANGULAIRE DE RECOLLEMENT
EN ECOULEMENT TURBULENT DE REVOLUTION

% R
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Bn écoulement de révolutiom, l'angle de
recollemnent de référence se met sous la forme

17-?; (”1:’)*427;(;-)

ot Yp est 1'angle de récollement en écoule-
ment plan et AY 1'écart dft h 1'effet de
révolution qui est exprimé par le facteur
géométrique F 3

. s
A

F ntest autre que le rapport des coeificienn
de mélange O  en écoulements plan et
axisymétrique.

Quant & la dérivée oY/ (g, 1'expérience a
montré que la loi "'%c, (M) tirée du
critére de Korst [17) était satisfaisante.

Le calcul de la pression de cavité fy pour
un débit secondaire donné se fait
par une méthode inverse en t@tonnant

sur #,/#; o Pour chaque rapport fy/py

la ligne de jet isobare est déterminée par
la méthode des caractéristiques A partir de
données initiales fournies par le calcul

ou l'expérience pour une série de convergents
tronconiques [9) . Connaissant ¥, F et M,,
la loi fondamentale ( A.f1 ) donne (¢ puis
( A.2 ) le débit injecté ¢, .

Le calcul est arrété quand le recollement
disparatt, c'est-b-dire lorsque (¢ devient
supérieur & la valeur pour laquelle la ligne
limite est rejetée A 1l'infini.
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SUBSONIC BASE AND BOATTAIL DRAG: AN ANALYTICAL APPROACH

J. K. Quermann
Vought Systems Division
LTV Aerospace Corporation
Dallas, Texas 75222

SUMMARY

Methods of subsonic potential flow have been applied to
the calculation of base and boattail drag. For configurations
with a base the Korst method has been extended to subsonic flow
by incorporating a standard family of free streamline shapes
and a semi empirical scheme for selecting the total prassure
on the dividing streamline. The potential flow around the shape
defined by the body, free streamline, and jet establishes the
base and boattail pressures. Significant parts of the drag
associated with the base actually appear on the boattail. In
the absence of a base the effect of the jet shape is felt by
the boattail. With an underexpanded supersonic jet a portion
of the thrust which would otherwise be lost in external expan-
sion is recovered on the boattail. The fraction recovered drops
rapidly with increasing jet pressure ratio.

Results are compared with flight and wind tunncl tests on
the Vought A-7 Airplane.
NOTATION

C, at peint n when C, and C_ are zero, see equation 8
P Lt Py

aC

Pn see equation 8
aC

Pb

aC
Pn see equation 8

3
Ly

D
drag coefficient 72,V
tail 1ift coefficient

pressure coefficient ;7%3%§

base pressure coefficient

drag
fuselage length
Mach number

parameter relating the total pressure on the dividing streamline to base pressure and a static
pressure, see equations 4 and 5

parameter relating the total pressure on the dividing streamline, the base pressure and the
total pressure of the least energetic of the two flows, see equation 6

free stream static pressure

base static pressure

total pressure on dividing streamline
total pressure

static pressure downstream of closure shock
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R gas constant

r radius of the body

) velocity of free stream

X distance along free streamline starting from the separation point; also axial distance from the nose.
Y distance normal to the free streamline

% ratio of specific heats

P density slugs/cu. ft.

g a factor which defines the rate at which a mixing layer grows, see equation 2

w angle between intersecting flows at closure, degrees

1. INTRODUCTION

The interaction between the external flow around an airplane and a propulsive jet represents a
potentially large contribution to thrust minus drag. While it is possible to design away some of the
problems for specific flight conditions (by using a shallow boattail and a fully expanded converging-
diverging nozzle, for example) conflicting requirements make it difficult to do so over the entire
range of flight conditions. In particular, the nozzle exit diameter is usually relatively small at
subsonic speeds. This plus other limitations often leads to a steep boattail angle with a large aft
facing area or to blunt base. The drag at subsonic speeds remains important because of the time spent
in cruise and loiter.

At Vought Systems Division of LTV Aerospace, a three pronged attack is being made on the problem.
Included are analytical studies, flight test and wind tunnel tests with hot and cold jets. Because of
the difficulties involved in measuring the interaction in both flight test and in the wind tunnel we are
seeking an analytical approach which will predict the effect of the major design parameters.

The well known methods of subsonic potential flow theory are applied to the interaction problem for
axisymmetric flow. Two basic configurations are considered: (1) Configuration with no base and no separa-
tion. Here the effect of increasing jet pressure ratio is to increase the boattail pressures, thus re-
covering some thrust which would otherwise be lost in external expansion. At the same time, adverse
pressure gradients are made worse, leading to possible separation. (2) Configurations with a finite base.
Here the problem is to determine the base pressure and the associated boattail pressures. The results are
compared with flight test and wind tunnel tests of the A-7 airplane.

2.  APPROACH

The general approach is to consider the potential flow around a shape which is made up of the fuselage
proper, a free streamline bounding the separated flow at the base (if any) and the interface between the
jet and the external flow. The jet plays a role in establishing the shape of the boundary, but once tle
boundary is established it is the external flow which fixes the details of the pressure distribution.

The specific approach is to use procedures which have been well established in other applications
and to add the necessary modifications and additional assumptions necessary to fit the present problem.
Approximations are used where appropriate to speed the process or where a mcre exact method is not yet
available. Figure 1 summarizes the source of the methods used for the configuration with a base.

KORST SUBSONIC NEW
SUPERSONIC BASE POTENTIAL SONEERRS
PRESSURE FLOW
| i
e BASIC APPROACH ® EXTERNAL PRESSURE ® SHAPE OF FREE
® JET SHAPE DISTRIBUTION STREAMLINE
e MIXING VELOCITY e CLOSURE CONDITION

PROFILES I

! J

SUBSONIC BASE
AND BOATTAIL
PRESSURE

Figure 1. Summary of the Approach
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From our version of Korst method for supersonic flow comes: the basic approach of obtaining equi-
1ibrium in the mass and energy flowing into and out of the separated region; the shape of the jet plume
as a function of jet pressure ratio, ratio of specific heats,y, and gas constant, R; the shape of the
velocity profile in the mixing layers along the boundaries of the separated region and the rate at which
these layers grow with distance. From a potential flow program of the type developed by Smith and Hess
comes the external pressure distribution. To weld these components into a method for computing the base
pressurc we add a family of curves which represent the shape of the free streamline as a function of the
base pressure and a closure condition which leads to the selectior. of the total pressure on the dividing
streamline as a function of the geometry and state of the two fluids where they come together. For the
present, a largely empirical relation is used.

To study the effect of the external expansion of the jet when there is no base we develop an effec-
tive jet shape which will have essentially the same effect on the boattail as a more precise jet which
contains a series of oscillations.

The various components are discussed in the following paragraphs.
3. THE POTENTIAL FLOW SOLUTION

The potential flow 1s calculated by a program similar to that described by Smith and Pierce in
reference 1. The principal difference is in the method of describing the surface and the distribution
of source and sink strength on the surface. Reference 1 divides the body into a series of frustums of
a cone each with a constant source strength over the entire surface. Boundary conditions are met at the
center of each frustum. In the present solution the surface and the source strength distribution are
considered continuous except where there are kinks in the slope of the body. Suck a kink will occur at
the base where the boattail intersects a cylindrical sting or a propulsive jet. At the kinks the source
strength is discontinuous. The boundary conditions are met at a discrete number of points, 101 in this
study. Drag is computed using the equation:

c. & Irmax cp d(}r_)Z (])

D b max

Because che calculation of drag by integrating the pressure distribution results in a small difference
between large numbers, the method has been carefully checked for accuracy. In potential flow it can be
shown that the drag of a body with a constant diameter sting is always zero. Such a body is ideal for
checking the method since it retains the troublesome kink. Based on the frontal area, the RMS value of Cp
for eight configurations was .0009. The largest absolute value was -.002. There is some systematic error
which suggests that a significant part of this small error is associated with the pressures near the kink.
These results are accurate enough for this study.

3.1 Compressibility Correction

The potential flow solution applies to incompressible flow. A modification of the Goethert com-
pressibility correction is used to extend the results to other Mach numbers. In general compressibility
corrections are considered applicable as long as the local Mach numbers remain subsonic. However, because
of the stringent requirements for drag calculations the applicability has been checked.

Following the derivation of the Goethert correction in reference 2, the procedure may be summarized
as follows:

1) Compute the incompressible flow on a body which has been stretched by the factor VT%ET

2) Convert the local velocity ratio %— to components along and normal to the freestream direction.

3] Multiply the normal component by —;T]_-ﬁ: = /F
4) Multiply the difference between the parallel component and freestream velocity by T%ET = F

51 ECombing thg parallel and sormal componcaty B0 Fimd (e eequltant ueloelty eetio for compneds itle
flow.

6) Use the Bernoulli equation to obtain the pressure coefficient.

Numerically, this procedure fails in step 4 when ¥/V- issmall. This is not unexpected, since the
Goethert correction is derived for slender bodies. To improve the correction for small V/Ve and to
prevent failure during a computer run an arbitrary modification has been added to the Goethert correction.
To make the stagnation pressure correct for all Mach numbers the multiplying factor in steps 4 and 5
should se 1.0. The Goethert correction is considered correct when the local velocity is equal to the
freestream velocity. To provide a continuous variation between these points, a straight line variation
of the multiplying factor F used in steps 4 and 5 is assumed, see Figure 2.

When the modified correction is applied to a fuselage with a cylindrical sting the drag will not
remain zero. Most of the deviation is caused by the pressures near the stagnation point at the nose. The
variation of pressure with Mach number on the boattail is relatively well behaved. Figure 3 shows the
compressibility correction for a typical case. The details will vary slightly with the configuration.
Each curve represents the variation at a fixed location. Note that as one approaches the base (the more
positive pressures) the variation approaches that expected for two-dimensional flow where:
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The fact that the annular flow acts nearly two dimensionally is seen again in the steep adverse pressure
gradients near the ba.e, figure 17, and should be kept in mind when appraising steep boattail angles.

-0.2 .

F ——:___"—‘—”-*/:"
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Figure 2. Modification of the Compressibility Correction —

4. THE KORST METHOD

The Korst method for calculating the base
pressure at supersonic speeds has been used for some
time, see references 3 and 4. In particular, ref-
erence 4 documents a program similar to the version 08L
used =t Vought. The chief difference is in the de-
scription of the shape of the free streamline defining
the jet and external flows. Addy uses the method of
characteristics. To save time we use a curve fit

0.6L

Figure 3. Variation of Pressure with Mach Number

based on the data of reference 5 for the jet and ref-

erence 6 for the external flow.

EXTERNAL

gL ~ DIVIDING
o CLOSURE STREAMLINES
—
‘____.——--
CAVITY =~
ap—— ;
a—
—
FREE
JET STREAMLINES
_ _ S VELOCITY PROFILE

(a) {b)
Figure 4. Korst Model

The major features of the Korst model may be summarized as follows: See figure 4.

(1)

(2)

(3)

The shape of the free streamlines shown in figure 4a are determined by assuming that they have

a constant pressure equal to an assumed base pressure. In supersonic flow, the method of charac-
teristics or an appropriate approximation is normally used. This defines the length of the free
streamline and their intersection anale at the closure of the separated region.

The shear between the outer flows and the relatively quiet aiv in the cavity leads to the
development of a mixing layer where the velocity varies from zero to the velocity of the outer
stream. Although methods have been developed for accounting for an initial boundary layer these
do not seem to improve the accuracy unless the free streamlines are very lona compared to the
boundary layer thickness. We will assume no initial boundary layer. The velocity profiles are
then similar with a shape:

Vs 0+ ERF Y (2)
where o = 12 + 2.758M (3)

represents the rate at which the mixing layer grous.

The mixing velocity profile is superimposed on the inviscic free boundaries as shown in figure
4b. The locus of points with two particular values of velocity ratio have special significance.
Cne, shown dashed in the figure, represents the separating streamline; c¢long it there is no net
exchange of mass between the outer flow and the cavity. Thz other is the dividina streamline.
This separates the flow which proceeds on downstream from that which turns upstream and is
trapped in the separated region. The tota) pressure is the same for both flows, but the position
relative to the separating streamline is different if the outer velocities are different. Thus,
as shown in figure 4b one of the flows supplies a net mass and the other removes a net amount of
mass per unit of time.

The t~tal pressure on the dividing streamline is related to the static pressure downstream of
the closure. In early studies it was assumed that the dividing streamline total pressure is
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equal to the static pressure downstream of the shocks which nccur at the closure in supersonic
flow. When viscous effects are included the static pressure rises gradually and the total
pressure on the dividing streamline is different. But the relation between the pressures can
be expressed in terms of a single constant N.

Py = P
div B

N = gy (4)
shock = 'B

(5) The solution for base pressure is found by making successive estimates of base pressure until
there is no net flow into or out of the separated region. Note that it is a simple matter to
include an additional source of gas (bleedg into the balance.

(6) While it is not shown in the figure there is a corresponding profile for total temperature. A
similar balance for energy into the separated region yields the base temperature and allows
appropriate changes in density which may affect the mass balance. With both mass and tempera-
ture balance the effect of the hot jet is taken into account. The effect of the ratio of
specific boats, y, is considered in establishing the shape of the boundaries. The gas constant,
R, is considered in evaluating the density.

5. EXTENSION TO SUBSONIC FLOW

Subsonic external flow differs from supersonic flow in two important respects with regard to applica-
tion of the Korst base pressure method. First, it is no longer possible to find the shape of the free
streamline by starting at the corner and proceeding downstream finding the shape as you go. To find a
constant pressure surface one would have to use an iteration approach where the flow over the entire
fuselage-free streamline-jet boundary would have to be considered for each fteration. Second, there is
no longer a sharp pressure rise through a closure shock. At the present state of the art an empirical
relation is required to replace equation 4.

5.1 Shape of the External Free Streamline

Rather than using a lengthy iteration to find a constant pressure surface it is more expedient to
select a family of shapes which will approximate constant pressure surfaces. At Vought we have been using
this approach to speed up supersonic calculations. Experiments show that the pressure is not really con-
stant, thus by selecting shapes which more nearly match measured pressures it is possible to have a practi-
cal method for computation and to improve the accuracy at the same time.

—-0.20
=0.16
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T
g | -0.12
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- ~ 0.8
2 | =
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g o\ ~0.04
e i i i i i " L a 5 i u L 1 2 L . = { H i £ | A |
0 1 2 3 0 1 2 3
AXIAL DISTANCE, X INCHES AXIAL DISTANCE X INCHES
(a) Dividing Streamline Contour {b) Static Pressure Variation Along Dividing Streamline

Figure 5. Measured Conditions Along Free Streamline Behind Cut Off Cylinder

Figure 5 shows experimental results taken from reference 7. Nnte that the shape is slightly fuller
than an ellipse. Such a shape can be fitted vith a "super ellipse" with the form:

ERL

where variations in the exponent control the fullness of the figure. n = 2 corresponds to an ellipse,
n > 2 makes the shape fuller with the shape approaching a rectangle as n - =, With n < 2 the shape becomes
more pointed, at n = 1 the shape is a diamond and for n < 1 the curve becomes concave rather than convex.

Figure 6 shows the calculated pressure distribution over a cylinder plus an n = 2 and an n = 2.2 super
ellipses.

1t appears that a super ellipse with n = 2.1 will provide a good approximation to the shape of the
pressure distribution of figure 5 and is consistent with the shape.
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(Infinite Cylinder Upstream

Figure 6. Calculated Pressures for Fineness Ratio 6 Shapes

With this background we assume that the external free streamline surfaces are represented by a portion
of 2 super ellipse which is tangent to the boattail. Figure 7 shows a typical set. Since the pressure is
not constant, an average over the first 1/3 of the length is used to define a base pressure.

/—- POINT OF TANGENCY

POSSIBLE STREAMLINES

Figure 7. Family of External Free Streamlines

5.2 Subscnic Closure Condition

The condition which determines the total pressure on the dividing streamline contains the real key to
success. An empirical relation is formulated, consistent with the physics of the flow, and calibrated

using experimental data. |

Equation 4 shows the definition of the closure parameter, N, for supersonic flow. The values of N
are normally less than 1. In references 8 and 9, Nash used the same formulation for subsonic flow except {
the pressure behind the shock is replaced with the free stream static pressure. 1

N ::i‘-l p"B'Pg‘ (6) |
T.n n=Tow-Ps Bl
1.4F Poc — PB
1.2¢ 0.3f T Poiv - P {
10t Prot - P8
0.8} 0.2}
06}
04r 0.1 ~—
02} [ —
0O —=33 04 06 08 10 12 14 0 02 04 06 08 10 12 14 Ts
MACH NUMBER MACH NUMBER
{a) Parameter N’ (b) Parameter N’

Figure 8. Subsonic Closure Parameters.
Aft Facing Step, Ref. 8, 9
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Figure Ba shows the parameter for flow past a two dimensional aft facing step, reference 8 and 9.
Note that the values of N may be greater than 1.

This formulation does not seem appropriate. It is not tied to the local pressure near the closure
as in the supersonic case, and there is no safeguard to prevent impossible values of the total pressure
on the dividing streamline if the result is applied to other configurations.

In the present analysis total pressure has been selected as the reference pressure. Thus:

P - P
div B

D T (7)

Ptot B
where Pyoy is the total pressure of the least energetic fluid; usually the external flow. With this formu-
lation, ghe pressure on the dividing streamline is always within bounds as long as N' is less than one.
;;g:re 8b shows the data of figure 8a converted to N'. An additional advantage is a smaller variation with

ch number.

Flight test data for the A-7 airplane has been used to calibrate the closure condition for the two-
fluid problem. The process consisted of adjusting the value of N' until the calculated base pressure
matched the measured value. The resulting values of N' are probably functions of a number of variables.
The intersection angle between the two flows must be one of the principal variables. While it will not
establish a region of constant pressure like that behind the shock in the supersonic flow it will have
an effect on the external and the average local pressure in subsonic flow. Figure 9 shows a plot of N'
as a functfon of the interaction angle. The curve follows the expected pattern with N' increasing with wu.
The agreement is improved by making the slope a function of the jet pressure ratio.

™ N’
] 10
1 08 |
N’ 1 06|
T 04} H\A_
{ o2} |
3 h o i L it i I i L L L 3
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e A N A e R A {pv)eo/ (V)
%10 20 30 40 50 607080 et
« DEGREES
Figure 9. N’ Determined from A-7E Data Figure 10. Variation of N’ with Momentum Ratio

Another parameter which may be important is the ratio of the momentum, pV, of the external and jet
flows. The fluid with the large momentum is expected to dominate. The nature of N' is such that its
maximum value is one. At the other extreme the pV ratio is one. Figure 10 shows the A-7 data. The data
for an aft facing step from figure 8 is shown as a band at oV ratio of one since the wall acts like a
mirror. While the data fits a single curve in figure 10 this formulation has not led to satisfactory
convergence in the computer program.

It seems that both of the parameters discussed above are important. However, the two curves are not
independent. The large values of w occur at small values of (pV)/ (pV)j. In order to separate the effect
and to improve the estimate of N' it will be necessary to have add1tiongl data for many different configura-
tions. For the remainder of the paper the relation shown in Figure 9 will be adopted.

5.3 The Jet Shape

The shape of a supersonic jet between the exit and the interaction with the external flow is based
on a curve fit of the data of reference 5. This includes the effect of the ratio of specific heats, the
nozzle exit Mach number, and the nozzle exit angle. For subsonic jets a contraction is considered if the
nozzle is convergent, otherwise the diameter is considered constant.

Downstream of the interaction with the external flow, the Jet - external interface is considered to
be cylindrical. This assumption is compatible with the A-7 problem where the base is large compared to
the jet and the jet pressure ratios are relatively small. In a typical case the interaction takes place
at or downstream of the maximum expansion of the underexpanded jet. Deviations from a cylinder downstream
are small. The principal effects of the jet expansion appear in the increased diameter at the intersection
and in the determination of N' which depends on the angle of the intersection.

In a general case, particularly those with a smaller base and larger pressure ratio, a better defi-
nition of the jet external flow interface is required. As a first approximation a method such as that
described in the next paragraph for the no base case 1s suggested.

In approximating the shape of the jet-external-flow interface in the no base configuration the goal
{s to obtain an accurate estimate of the force on the boattail. Two general concepts are employed. (1)
In potential fiow a non Iifting body with an open end has zero drag if the cross section remains constant

|
|
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as it goes to infinity. Thus a body with a cylindri- I
cal sting will have zero drag. If the sting has a
bump with a net positive drag then to maintain zero
overall drag the body will experience a net negative
drag. On the other hand a bump on the sting with no
net drag will induce no net force on the body. (2)
In linearized thesry a supersonic jet in a subsonic
flow produces zn undamped series of bumps or oscilla-
tions, see refzrence 10. If the oscillations are
stationary and undamped, then they must experience
zero force. A. a result they individually must induce
no force on the boattail. For practical purposes the
long string of oscillations can be replaced by a
cylinder which also has zero drag. Figure i1 shows
the resulting approximation. The cylindrical diameter
g e = ic P is that of the jet expanded to ambient pressure. The
Figure 11.  Approximation of Supersonic Plume fairing from the exit to this diameter is tangent to

the cylinder at the length of one full oscillation;

it falls inside the true boundary.

6.0 RESULTS

The methods described above have been applied to the A-7 airplane configuration, figure 12. The A-7
airplane is powered by a single Allison TF-41 fan jet engine which exhausts through a slightly convergent
tail pipe into a rather large elliptical base. The base has the wide dimension from side to side. The
nozzle exit is in the lower part of the base in the plane of the base. Extensive flight and wind tunnel
test measurements of the base pressure and a number of pressures on the boattail are available, see refer-
ence 11. The calculations have been made for a body of revolution with the same variation of cross sectfonal
area as the fuselage. The jet is assumed to act along the centerline.

BASE PRESSURES

EXHAUST
EXIT RAKE-

BOATTAIL
PRESSURES

BOATTAIL STATIC
PRESSURES

Figure 12. Configuration for Flight Test

Figure 13 shows a comparison between the calculated and flight test measurements. Figure 13a shows
the variation of base pressure in level flight at two altitudes. This presentation has the advantage of
showing the relative effect of the base pressure on the draqg of the airplane in normal operation. But alti-
tude and Mach number are nct primary variables. The apparent altitude effect is due to a change in thrust
caused by induced drag. Figure I3b shows the variation of base pressure with the jet pressure ratio while
the airplane Mach number and altitude are held constant (the airplane climbs or descends).

-0.20
-0.07 a
-0.18 A 2,000 FT FLIGHT TEST -0.06 | g
3,000 FT FLIGHT TEST _ocdk .
,:F-vﬂ-ﬂ ~CALCULATED :
B l -004
-0.08 -0.03
e -0.02
- e -0.01F
1] :1 O Ps 0 2 3 . . .
0 01 02 03 04 05 08 07—IF 09 10 ooty 02 25 30 35 40
MACH NUMBER o +o‘oz JET PRESSURE RATIO
+003} &
+0.04
{a) Variation in Level Flight (b) Variation with Jet Pressure Ratio

Figure 13. Base Pressure
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The agreement between the calculation and flight test is satisfactory over the range of test variables.
This cannot really be considered & check of the method because, as discussed above the equation defining N'
was derived from the same data (although not the same points). What it shows is that a simple empirical
relation for N' will produce most of the features shown by the experiments. It gives confidence that the
method will predict the effect of adesign variabies not covered by the test. In adaition to the effects of
changes in geometry this includes the effect of the addition of bleed air and the differences to be expected
between hot and cold jets in wind tunnel testing.

Figure 13b also shows the predicted variation of base pressure at jet pressures higher than those
tested. Note that the base pressure reaches a minimum and then becomes more positive. This occurs as the
plume expands enough to affect the interaction angle between the flows.

-0.05[~
Figure 14 shows the effect of jet temperatures on
base pressure at a fixed external Mach number and jet
—-0.04F - pressure ratio. The peak on the calculated curve is
e WIND TUNNEL unexpected. It is apparently due to the fact that
><. temperature affects both velocity and density. At
il S the higher temperatures the reduction of density in
-0.03 mixing layers is the dominating feature. Note that
Cp the flat part of the curve occurs in the temperature
8 range which includes fan engines and cold jet wind
-0.02 tunnel models. If these results are verified, cold
testing should give good results for fan engines.
\ Conflicting trends are available from the A-7 wind
—_0.01+ i - CALCULATED tunnel tests. The variation falls between the two
. \ boundaries shown (the level of the pressure is con-
sidered too negative). Flight tests do not provide
a significant range of temperatures at a constant
(1] pressure ratio. The available evidence suggests that
FLIGHT TEST temperature at a rate several times larger than the
calculated rate.

4 A 1 [l 1 1 1 [l ] 1
0 0510 15 20 25 30 35 40 45 5.0 The calculated variation is due to temperature
T0./Too alone. The variation from wind tunnel and flight test
] may include some influence of other variables such as y
Figure 14, Effect of Jet Temperature and changes in airplane attitude. Further work is
M = 0.6, Jot Pressure Ratio = 2.0 required to resolve the differences.

+0.01

Figure 15 shows predictions, based on calculations, of the effect of bleed air, figure 15a, and the
axial location of the nozzle exit, figure 15b. Based on these results one can reduce the base drag by

extending the nozzle exit and by adding bleed gas.
cpn
-0.0 —0.02-
—0.01+
EPB 0 i L i i i
05 1.0 15 26 30 35 40 \
BLEED PERCENT ENG|NE N R i —— T
MASS FLOW .
+0.01L -05 0 0.5 w0
NOZZLE EXTENSION £
Rnoz
{a) Base Bleed (b} Nozzle Extension

Figure 15. Predicted Effect of Design Variables
M = 0.6, Jet Pressure Ratio = 2.0

The pressures on the boattail of the airplane in flight are affected by the tail surfaces as well as
by the fuselage shape and the engine operation. To separate these effects a least squares fit has been
made using the following equation:

C. =A +B C +C C (8)
Py n n “pg nLt

In wind tunnel tests the nominal tail angle is zero. but there were no measurements of downwash or tail
lift to verify CLy. There are also pressure increments of unmeasured magnitude due to the support system
and wall effects. .

rigure 16 shows the boattail pressure distribution for configurations with a base. Figure 16a shows
Ehe axial distribution of boattail pressure coefficients for low to moderate jet pressure ratios when
Lt = 0, “Pg = 0. When the jet pressure ratio exceeds 3, roughly, the effect of the plume expansion will
be felt on the boattail and there will be a series of curves, one for each jet pressure ratio. Pressures
shown for flight test and wind tunne! test are the Ap coefficients of equation 8 averaged for several taps
around the circumference. Note that the boundary layer is neglected in the calculation. If the displace-
ment thickness were included the pressures would be slightly more negative. Differences between the cal-
culated and flight test pressures are consistent with the expected influence of the tails. The reason for
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the deviation of the wind tunnel measurements is not known. It may be due, in part, to support and wall
interference.

& FLIGHT
-0.10p O~ 0 WIND TUNNEL
. S - CALCULATED CALCULATED
-0.08} ~ 1.0
n, T & FLIGHT
“n,
-0.08 " 08 O WIND TUNNEL
Cp " - b - — CALCULATED
-0.04 - o8
ac
Pg
-0.02 04
0 0.2
0.86 0.88 0.90 092 094 0.96 098 1.00
X/L .\. 0
Y 0.88 090 0.. 094 096 098 1.00
‘W X/L
(a) Boattail Pressures at CPB =0 {b) Effect of Jet

Figure 16. Boattail Pressure Distribution on Configuration with a Base
M = 0.6 Jot Pressure Ratio < 3.

Figure 16b presents the interaction between the jet and external flow as it affects the boattail
pressures. n/¥lpy 1s the B coefficient of equation 8. Note that the boattail pressure variation
follows that of the Ba crease in jet pressure causes a more negative base pressure, hence an
increase in base drag. The corresponding more negative pressures on the boattail produce an increase
in boattail drag. Based on the calculated pressures ACDpT = 0. 37ACDB. There are not enough pressure
taps to make a similar 1ntegEat1on based on flight test data alone, but the agreement with the calcula-
ted 3Cp/aCp. suggests that. is about the same. Corresponding data from the wind tunnel tests are
Tess accurage because of 1arge scatter in individual points, but the same trends are apparent.

Figure 17 shows the boattail pressure distributioh when there is no base. Figure 17a shows the
pressures for a jet pressure ratio of approximately 1.9. The calculations are based on a cylindrical
jet with no boundary layer. The rapid increase in pressure near the base is typical of a two dimensional
flow approaching 1 kink. Rapid thickening of the boundary layer tends to eliminate this in practice
Wind tunnel data nave been analyzed using a least squares fit of the type shown in equation 8 where CpB
is replaced with the jet expansion 4r. and there is no tail effect.

T L e FUSELAGE STATION X/L
06 |- ALCULATED b 2% 0.88 0.900.92 0.94 0.96 0.98 1.00
WIND
+0.1}F ~<. TUNNEL
Cp

+0.2
% 0.86 0.88 0.90 0.92 0.94 0.96 0.98 1,00 +0.3-

FUSELAGE STATION X/L CALCULATED

(a) Cylindrical Jot (b) Effect of Jet

Figure 17. 'Soattail Pressure Distribution, No Base
M=08

The rate of change of boattail pressure with jet expansion is considered linear for moderate pressure
ratios. Data from wind tunnel tests show the same general shape as the calculated results, but the magni-
tudes are lower. This is probably due to the boundary layer, or more precisely, the differences in the
growth rate of the boundary layer produced by the increased jet pressure. Note that the boattail pressures
become more positive with increased jet pressure. This is opposite in sign from the results shown in
figure 16 for the configuration witn a base as long as the base pressure becomes more negative with in-
creasing jet pressure. As shown in figure 13 continuing increases in jet pressure ratio will eventually
produce a more positive base pressure and more positive boattail pressures for the finite base confiaura-
tion. Experimental results for configurations without a base often show a reduction in boattail pressure
(drag increase) for small increases in jet pressure while larger jet pressures show the expected pressure
increases. This has been attributed to entrainment of the external fluic by the jet. In view of the
present analysis it seems 1ikely that the effect may be associated with a local separation. Such a separa-
tion will act much 1ike a blunt base. The increase in boattail pressure may be integrated to determine an
increment of thrust on the boattail. In effect, the boattail is acting much 1ike a diverging nozzle. A
measure of the efficiency of such a nozzle, based on calculated results, is shown in figure 18. Coupling
ratio is the ratio of the increment in thrust on the boattail to the increment in thrust which could be
recovered with an ideal convergent-divergent nozzle. Note that the coupling ratio is high for jets which
are only slightly underexpanded, but it drops rapidly for larger pressure ratios.

et e e
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Figure 18. Calculated Coupling Ratio, M = 0.6
7. CONCLUDING REMARKS

This study 1s a first order attempt to consider the primary effects involved in the interaction of
a subsonic external flow with a propulsive jet using potential flow theory. It is shown that the inter-
action may be studied in terms of the effect of the jet on the effective boundary for the external inviscid
flow. With this approach the jet plays an important role in establishing the shape of the free streamline
in the configuration with a base and of the interface between the two flows. But once the shape is estab-
lished, potential flow of the external fluid will establish the distribution of pressures felt by the
remainder of the airplani:. The external flow provides a mechanism for transferring some of the drag due
to a base onto the boattail and for recovering some of the thrust which would otherwise be lost in external
expansion. The amount ¢f thrust which can be recovered is limited.

[he method is general enough to include the effects of most variables. This includes the ceometry,
the properties of each of two fluids and of a bleed gas dumped into the base region. Much remains to be
done. The principle ¢reas needing improvement include: a more general approximation for the closure
cond}%i?n and a method for including the boundary laye * and mixina layer alona the interface between the
two fluids.
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COUPLAGE ENTRE L'ECOULENENT AUTOUR D'UN ARRIERE-CORPS ET LE JET
PROPULSIF EN THEORIE DE FLUIDE PARFAIT

par Roland Maria Sube, Jean-Jacques Chattot et Georges Gillon

Office National d'Etudes et de Recherches Aérospatiales (ONERA)
92320 Chétillon

les effets de oouplage entre les écoulements
externe ot interne sont examinds dans le cadre de
1a théorie des fluides parfaits. Ces phénomines
oonoernent essentiellement les éooulements autour
des arridre=ocorps.

la premidre partie de cet exposé se rapporte 2
1'étude de 1'interaction de deux écoulements
suboritiques coaxisuxze Le calcul de chaque éooule
ment interne et externe est effectué au moyen d'une
méthode aux éléments finis,

la forme du jet est déterminde par approximations
sucosseiws en utilisant une méthode pseudo-hodo-
graphique.

Ia deuxidme partie de cet exposé concerne l'inte-
raction d'un jet supersonique avec un écoulement
externs subsanique ou transsoniquesle jet interne
supersonique est calculé en utilisant la méthode
des caractéristiques. Les conditions de ocouplage
entre 1'éooulement internme et 1'écoulement externe
sont remplies, en utilimant une procédure iterative
semblable a oelle proposée par Young, mais étendue
ici aux éooulements externes compressibles sub et
trans-soniques.

la troisidme partie de l'exposé donne une comparai-
son aveo des résultats expérimentaux.

COUPLING BETWEEN THE FLOW AROUND AFTERBODIES
AND PROPULSIVE JETS IN THE INVISCID FLOW THEORY

SUMMARY

The interference effacts between external and interw-
nal flows are examined in the framework of the
inviscid flow theory. These phenomena are connected
nainly with flows around afterbodies.

The first part of the paper is devoted to the study
of subcritical axisymmetrical interacting flowase
The computation of both internal and external flows
is carried out using a finite element method. The
results make it possible to determine the shape

of the jet using a pseudo-hodographic method, with
an iterative procedure,

The second part concerns the interference effects of
a supersonic internal flow with subsonic or transonic
external flows. The supersonic internal jet is
computed using the method of characteristics. The
coupling conditions between the internal and the
external flows are taken into account, using an
iterative procedure in a way similar to that propo-
sed by Young, but extended here to compressible
external flows,

A comparieon with existing experimental results is
presented.

LISTE DES STOMBOLER
Indices
4  oaractérise des conditions d'arr8t,

se rapporte & des grandeurs définies dans
1'écoulement interne,

€  se rapporte A des grandeurs définies dans
1'écoulement externe,
#  caractérise des grandeurs dimensionnelles,

caractérise les grandeurs de référence,
4  caractérise les conditions amont,
2 ocaractérise les conditions aval.
Srandeurs géométrigues
6.;., 0-'; axes de référence,
l: longusur de référence,
ML point courant sur la surface libre,

R,R, Ry... rayons pris dans le domaine géométrique,

\é distance normale & la paroi ou 2 la ligne
de glissement.
Srapdows physiques
M nombre de Mach,

M_ ou My noubre de Mach amont dans 1'écoulement
externe,

M,u';m M34 nombre de Mach de référence (= nombre
de Mach amont dans 1'écoulement interne),

F pression statique,
P e oW P“ pression statique amont dans 1'écoulement
externe,
g masse volumique,
T température absolue,
nE entropie spécifique,

2
A. enthalpie d'arrét,

CP chaleur spécifique & pression constante,
Cy chaleur spécifique & volume constant,

Y /¢

V module de la vitesse,




u,v composantes axiale et radiale de la
vitesse,
q} fonction de courant,
L2 x \/%2
KI’ (P - Pes) /(% Cea Ver')
8 épaisseur de la couche limite,
e vitesse A la frontidre § de la couche
limite,

A\ Ww
84 _[ “%—%)d‘i
; “w w
& »j: g‘.u. (A'u_.)d‘}
H .64/3’-
)

:
Hoo (L O-2)ay]/[[ 01 2)0)

D domaine physique,
Symboles Mathématiques
Oa(p repdre du plan transformé quasi-conforme,
€ pas du maillage dans le pl:a transformé,
9‘, '23' fonctions-test,
P{ désignation d'un pavé,

1\14 centre du pavé % .
k nombre de pavés,

0/\}4,

repére du plan transformé conforme.

1 - INTRODUCTION

Lg connaissance des effets d'interaction entre les

écoulements externe et interme est fondamentale
pour 1'étude de l'aérodynamique des arritre-
corps afin d'obtenir nqtamment une ¢valuation
précise de leur trainde. L'évolution du jet, a la
sortie /'une tuydre peut intervenir, en effet, de
fagon assez sensible sur la répartition des
pressions en amont du bord de fuite de 1'arritre-
corps spécialement dans le cas ou 1l'écoulement
interne est sous détendu. Le but de ce trava'i est
done de définir des moyens de calcul permettant
d'aborder 1'étude de ces phénomencs d'interaction,
en se plagant tout d'abord dans le cadre d'une
théorie de fluide parfait, de maniére 4 pouvoir
disposer d'un outil permettant de traiter le
probléme de couplage dans son ensemble et de
délimiter encuite par r’férence & l'exnirience,
1'importance des eifets liés & la viscositd. Pour
cela on examinera successiv.ment trois problémes
différant par la nature des dquations qui régissent
les ¢coulements en présence @

le jet subsonique débouchant dans un £coulement
externe subsonique,

le jet supersonique découchant dans un

écoulcment externe subsonique et le jet superconi-
que débouchant dans un écoulement externe trenssoni-
quee

La premidrs partie de ocet exposé se rapporte donc & i
1'étude, 'ans lo oadre de la théorie des fluides e,
parfaits, de l'interaction de deux éooulements

suboritiques coaxisux. la méthode de calcul utilisée ,
exposde de facon détaillée est une extension aux I
écoulements de fluides compressibles, de méthodes |
itératives mises au point au L.I.M.S.I #* [4] 3

[8] pour étudier les jets axisymétrigues rota-

tionnels de fluide incompressible.

La douxidme partie de l'exposé est consacrée &
1tétude du couplage qui s'établit entre un jet
supersonique et un écoulement extérieur subsonique
ou transsonique. la procédure de calcul est, ici
encore, itérative et semblable i celle proposée

par Young [9] le jet supersonique étant calculd
par la méthode des caractéristiques, 1'écoulement
extérieur lorsqu'il est supercritique par la

méthode des petites perturbations transsoniques appli-
quée aux corps élencds.

La troisi®me partie, enfin, est consacrée aux appli-
cations,

Les résultats théoriques obtenus pour chacun des

cas de caloul présentés sont confrontés avec des
mesures expérimentales existantes.

2 - JET SUBSONIQUE KN PRESEICE D'UN ECCULEMENT
EXTERNE SUBSONIQUE.

2.1 Equation du mouvement

L'équation®du tourbillon des écoulements station-
naires compressibles axisymétriques s'éerit :

) g 3%+ 2eldpawe) = S°

ol tp* est la fonction de courant de 1l'écoulement
celle-ci est lide aux comnosantes méridiennes

u* et  V* de la vitesse (fig.1) par les
relations :
P BQ‘ % p*
T M = Vv z-
(2) g At ! e ax'

— —a

Ox et Ow sont les axes d'un repire cartésien
situé dans un plsn méridien fixé, Ox étant
également axe de symtrie de l'écoulement. ¢* est
la masse volumique du fluide,

Pour des écoulements méridiens, 1'expression
oénérale de S* est

s ¥4t dhl
(3) g = gq"("T'aW—,-FW)

ou T* est la température, A * 1'entropile
opécifique et A% 1l'enthalpie totalc.
Dans ce oui suit, on étudiera des écoulements de
gaz calorifiquement parfoits ol 1'enthalpie
d'arr8t et l'entropie soécifique sont uniformes
dans chacun des Geoulements ; le second membre

g * de(1)est alors identiquemsnt mil, L'équation
(1) reste inchangée par rapport aux nouvelles varia~
bles sans dimension suivantes @

- p* _9. _x* _
@) q’—m; f—myx.?,z--:.

** Laboratoire d'Informatique pour la méecanique
et les Sciences de 1'Ingdnicur, CNRS,

* Les astérisques indiquent que les variables
auxquels ilo se rapportent sont dimensionndes.



ol |* ¢* ref, Y* ref sont des grandeurs de
référeme précisées plus loin.
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Fig.1 DEFINITION DU SYSTEME DE COORDONNEES
CYLINDRIQUES

La relation entre \p et ¢ s'éerit sous forme
implicite s

1

o e sl

oh M réf est le nombre de Mach de référence.

2.2 Conditions aux limites
On considdre (fig.2) deux Scoulements coaxiaux,
compressibles subcritiques, 1l'un extérieur a un
arritre-corps de trace méridierme EFG, 1'autre
intérieur,
Les deux écoulements sont séparés en aval de
1ltarridre-corps par une ligne de glissement de
trace F H. L'enthalpie dtarrét et l'entropie
spédifique sont supposées uniformes dans chacun des
écoulements.,

Fig.2 MERIDIENNE DU DOMAINE PHYSIQUE

Pour les tesoins du celcul, le domaine physique
est limité en amont et en avel par des plans

de traces méridiennes OD et BC respectivement,
ainsi que par deu.x cylindms droits coaxiaux,
de rayons R et Ry , de traces AB et DC,
Dans un plan méridien fig.2), ce domaine peut
8tre subdivisé en deux : €Pg de contour EFICIE
et m’ de contour ABHFGAF

Dans ce qui suit, les indices 4 et ¢ désignent
les grandeurs relatives aux écoulements interne
et externe respectivement 3 les indices 1 et 2
indiquent que les variables ainsi indicées concer-
nent des points situés dans les plans 0D et BC j
1'indice i caractérise les conditions d‘'arrét.

+ 1a limitation du Domaine <D} par la lige AB
voisine de l'axe est introduite pour éviter les
diffioultés mmériques qui interviennent dans le
caleul de (4) lorsque ¥ tend vers O.
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Les donndes du problime sont, outre la géométrie
de l;mriére-oorps, les températures d'arrét
Ty et T , les nombres de Mach ament M‘n
My, les chaleurs spécifiques Cyj,Cre,Cpy o
CP‘ et lours rapp rts n ot Yy o

Les conditions aux limites sont oelles usuelles
aux problimes & frontidres conrues, mais la
présence d'une frontidre libre implique que 1'on
ait, en plus des conditions de débit et de glisse-
ment, une condition d'équilibre sur FH et une
oondition de Kutta=Joukowski au bord de fuite F

de l'arriére sorps. Cette dernidre a pour
oconséquence qu'il n'est pas possible de se fixer
dlemblée toutes les conditions aux limites, l'une
de oelles—c¢i devant dépendre de la forme définitive
du jet.

On pose

L

(6) 9:4= 9;4 ’ stv;q ' M-JFM , L.=0—5=R.

Les conditions aux limites a'écrivent, pour une
forme donnde du jet et en supposant que les deux
éooulements son® uniformes & 1l'amont 3

@ gg:o sur AG, ED, BH, et HC
(& étant le vecteur normal

au contour)
(8) (P = —A sur AB
(9) 4'= % sur GFH et EFH
w fu “- :
(40) ‘P ‘ ”‘ __2 sur DC

Saloul deo ) sur la frontidre extériewre.

Ia oondi*ion (10) dépend des donndes géométriq\ms
RS et Rg , mais également des rapports Ve /V"

et gu /Rf'
Is premier : Vu/v est défini par les domndes

du probléme s
(“) V_J___Mn (C Tu.) (A)

Vi Mp \CpyTy/ \B

wee A= 4+B-.—4M;. ¢ B= '1+Y"4 Mei
Par contre 9u/g‘.ne peut 8tre fixé qu'une fois
que la forme de®la ligne de glissement est connue.
Dans ce cas et moyennant 1'hypothdse d'une pression
transversalement uniforme en 2, les nombres de

Mach Mret Mq¢ sont donnés par les relations
implicites :

.
ot

Y

0 Z;(Mp) = 2504 z: - ,:,

A

1) XMz Ze(Me). ::- i:

p -

dans lesquelles 2. ( M ) est la fonction du
nombre de liech, définissant 1'évolution des lois
de section d'un écoulement monodimensiornel isen-
tropique.

ot

e



84

Connaissant M"tet Mezon en déduit tout d'abord
le rapport des pressions géndratrices des deux
écoulements:

(m Pie . wi- (M“z)
Py WelMe)

w (M) tent 1a fonction B (M) ,
et par voie de conséquences v

A

(‘5) 5_‘1: (4+1"r1M:4) ) '&.Ii.c”'-(:y"

T (4_’_!1._1'43‘)-?417, Pij Tie Cpe-Cw
Y

Les conditions(7)~(10)ont été éerites en supposant
conmue la forme de la surface libre. Celle-ci est
en fait une des inconrmes du probléme qui est
déterminde en derivant sur FH la condition
supplénentaire de continuité des pressions

P;H = P‘:‘ pour tout voint M situé sur FH.

Cetto condition s'éerit encore :

Vil v Vi Vet
o [14A-D{1- T o [1+(BOY-a)lfd
) Ps;[ + . (-4 )]Yi‘= . *T(W')]

2.5 Procédure générale do résolution

Celle~ci est n.cessairement itéra-ive et se dévelop=
pe de la maniere suivente @

on se donmne au dévart une forue arbitraire de la
frontidre Fii. Ce choix constitue la premicre
aporovination. A ce moment, ainsi ou'd chacune des
itérations suivantes, le vrooléme se ramine L la
résoluiion de l'équation(l)i l'intdricur des deux
domaines indévendants De et D§ & frontilres
connues avec les conditi n.; (D (et ¢ dans ( D, )

ot (B (et(aans ( Dy

Le couplage cxi tort cntre les deux écoulements
ne sera pris 'n coupte par le calcul que lors du
passage d'une rpproximation de la frontiére libre
4 la suivante.

Pour effectuer chacue résolution, on construit une
solution numdrique approchée de l'équation(1 par une
néthode de Galerkin dans (5)4') puis dans { D).

r

Celle=-ci utilise une famille de fonctions-test

nécessitant pour leur définition une partition du

domaine physique par des pavés, Ces pavés recouvrent

exactement chacun des domaines considérés et sont !
constitués 2 partir d'un maillage curviligne.Dans

les problimes étudiés préoédemment (4, 5, 6, 7, 8]

une méthode de calcul automatique de maillages |
curvilignes construits & ltaide de fonctions |
harmoniques était utilisde. Les applications i
présentées au paragraphe 4 ayant toutes un domaine

de définition & contour presque rectangulaire, un

maillage dont la construction par ordinateur se

révéle simple et rapide a été utilisé (fiz.3) 3 oce

maillage est réalisé & 1l'aide d'une premidre famille

de courbes ( & = C® qui sont des droites verticales |
convenablement espacées pour les besoins du problé-

me ;3 chacun des scgments verticaux ainsi construit ‘
est ensuite divisé solon une loi simple ( n seg-

ments, dgaux dans ( D4 ), ou suivant une loi de

progression arithmétique dans ( De) ) ;3 en joignant
les noecuds ainsi obtenus on construit une deuxidme
famille de courbes ( B = C%),

les courbes & = C"’, = C™ recouvrent les domaines
de définition ( @4‘) ot ( D¢ par un naillage
régulier, de pas €’ dans le plan transformé ( o ,P Je

Ce maillaze permet de construire des pavés hexagonaux
P,- (fig. 4 a et 4 b ) définis par les courbes :

d.(x,'v.‘, = 0(1'-3 s d(x"b): 5+ [
47 Blx, %)= pj-¢; ple,)= By 46
o (%,1) = plxr) = “j-pj-¢
ol (1&,1)4-#(2,‘!’) = 0(1' + p3+ €
23 ;;,évéel% P? , sont les coordonnées du centre 1!.’

la procédure de résolution du probléme comprend deux
boucles d'approximations successives, imbriquées
1tune dans l'autre : 1'une dite "interme" correspond
au calcul de la masse volumique qui figure corme
coeificient dans 1'Cquation(i), l'autre dite exierne
correspond & la reciherche de la surface libre ; cette
démarche met en oeuvre une procédure numérique gui va
8tre examinde maintenant de facon détaillée.

[T

|

——

il

il

Fig.3 REPRESENTATION DU DOMAINE PHYSIQUE PAR UN MAILLAGE CURVILIGNE



2.4 Résolution mundricug

On montre{1] cue la formulatiog forte du problime
(¢quation )+ conditions(7)- ﬁgizst équivalente & la
formulation faible suivante :

Etant donnce l'int¢ rale :

(19) '/'/52 ;—,' (%E?TZ"- g{'—-g%)d:dz =0

o ( D ) représente soit ( Dj) soii | Do) et les
conditions (7)a (10), 1a formulation faible du proviime
revient & caercner une fonction remplicsant
les conditions(7): (10)et vérifiant (1€) pour toute
fonction (r qui catiofait la condition @

#9) @=0 sun AB, GFH,EFH« DC

les fonctions ¢ et sont toutes deux de carrd
sounable et admetient des dérivées premidres, au scns
des distribuiions, de curr¢ sommable (propridté 1)

Soit Nt une famille totale de fonctions test vérifi-

ant la condition (19) qt la proprict¢ 1. On définit
les fonctions qv" ot @& 1'aide des relations
suivantes :

@)  ¢k= ’é y (x,%) %"

k k

£2) = i :

R A 1A

dans lesguelles k est le nombre de pavés, et (f:
et ‘I}t les valeurs des fonctions ¢ ot koo
centid T.‘ du pavé hexaronal de rang 1 3

On choisit les fonctions test de la nanidre
suivante :

D.(x; v:)=h Xiet 1; étant les coordonnées du
centre ,ﬁ‘ du pavé hexagonal ﬁ 5

D; (%,1)= 031 X et Tsont les coordonnées d'un
point situd & 1'exicrieur ou sur le contour du pavc
© H
D; (x,%) est linéaire par norceaux par rapport aux
variables o et si le point de coordonnies
(%,%) est intérieur & P, 3
k
E"),-(x,'b)dpaur tout point de coordonndes ( %, 7 )
apvartenant & ( e

Pouwr le calcul des valeurs de 9‘,35%‘&: 2?-'

8-5
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Fig.4b REPRESENTATION D'UN PAVE
DANS LE PLAN TRANSFORME

;n renplagant les fonctions @ et (P dans

: oy K *

o)par les expressions de q* et 1} respec-
tiven..t, on obtient :

h k . y 1
0 LRI 400 B g

qui doit 8tr wvérifile quelle gue soit la fonction
k s ce qui implique

0 5] (28 wk)-0,

En posent : pown 34,3,k

. 4 (39 2 . dnidn;
o ays ff) (B g,
(‘5) g'derit alors ¢

k
k
B) Loy =0 J= Ak

On démontre [2] et [3] que la solutior k du
systéme linéaire (25) converge vers la sclution

de (1) lorsque k —» 0@ . Les coefficients
d'influcnce a.“- peuvent &tre exprimds dans le
plan (ot , B )%

0 el -

c(';& (D g est 1'homologue de ( D ) uans le plan
o ’ .

3 avec 9 Izt N
on divise chaque pavé B en six trian{;leg (£17a2), P= F [(b—) +(%l) ]
Le tableau de la fiz.5 donne les valeurs cherchées & y 4 4
1'intirieur de ces six triencles, Q=L [xdx N
JLa'p ™ S 3p
L-Bix.y)=th+l)e = A [dx\r, ()}
2 4 R J [(ﬁ) + (5:) ]
3
T T2 Ts Ts Ts Te
1 Bix,y)=ke
i o, L - -me- P-n a-
h o e e | e e o) |, oo
L LI8 1 1 1 1
0 =Dix y)=(k-T)e Ta ry 0 < T ° T
apylze axylale  alxy)=z(lel)e :—'gz -+ -+ 0 y L 5

Fig.4a REPRESENSATION D'UN PAVE
DANS LE PLAN PHYSIQUE

Fig.5 EXPRESSION DES FONCTIONS TEST
ET DE LEURS DERIVEES SUR UN PAVE

TS T
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ol J est le iacobien de la transformation
(o, p)mla,2)

- QX du _ ¥k

J= g‘i %ﬁ 3
A partir de la relation (26) et du tableau de la
figure 5 , le calcul des coefficients @
peut 8tre effectué apris avoir remarqué que les
expressions qui les définissent ne sont pas nulles
sl ct seulement si les pavés P et R" ne sont pas
disjoints. Il en ect ainsi lorsque ~4v4 est 1'un des
six points voisins de fj ~u 4§ lui-ndne.
Il en résulte plusieurs cas de calcul corrcspondant
sux diverses positions relatives de F et ?" «On
trouvera en 4! 1le ditail de ces calculs.
Examinons maincenant la procédure suivie pour
tenir compte des variations de @, qui figure
explicitement dans 1'expression des coefficients
Gy  comme le montre (25) et qui d'autre part
est®lié & la fonction de courant par la relation
implicice (5) « Le calcul de ¢ est effectué d'wne
manidre itérative selon le schima suivant :

supposons que ce calcul en sodt rendu & la nhg:e
approximation sur la frontidre libre et & la m

sur , et que les sclutions Yo et "
eienteété calculées ; on obtient‘Pc‘i': abord S f:“

per la rclation : 4
| 3 }F"

A R S

t o A [(NR), (- B
) Gm [ b A
(") n ().‘)‘"(a"l
et ’ désignant respectivement le rapport des
chaleurs spceifiques et la masse volumique de
1'écoulement intérieur ou de 1l'écoulement
extérieur,

Dans chaque triangle élémentaire on considdre
que & garde une valeur constante de méme que ¢

(p:“ est obtenu ensuite en mésolvant le systime
linéaire (25) .
Les itérations sur g etv sont poursuivies jusqu'a
convergence.

Repargye ¢+ En ce qui concerne la résolution de

(25) 11 convient de souligner que la mutrice des
ooefficients Qy est définie positive,
heptadiagonale 4 diagonale principale prépondérante
ce qui permet d'appliquer les méthodes itératives
classiques ( S.0.R.par exemple) & la résolution de
ce systéme lincaire.

2.5 Méthode de recherche de la frontidre de
£lisgopent FH,

Cotte méthode est une extension de la procédure
utilisée pour l'étude des jets incompressibles

[ 7~ 8] Examinons tout d'abord les conditions
qui doivent 8tre satisfaites la long de FH.

En tout point M de cette frontidre l'équilibre des
pressions définie par la relation (16)doit &tre
réalisé, Cette relation est équivalente a :

o 4 - LU o S

Considérons maintenant la fonetion analytique
F=A+ip qul effectue la représentation
conforme de { %4‘ ) sur un rectangle ( &, ), de
manidre qu: sur les frontidres du jet la cdndition
r. = C® soit assurde, alors que dans les &
séctions d'entrée et de sortie on ait A =C%

F\ AT

SoientA et 8 le module et 1targument de gf

(531:0“) « L'expression de la vitesse en tout
point M de FH peut s'écrire :

- Mn d
60 Vin = B2 T

Compte tenu de la condition d'équilibre (29)
le module My doit satisfaire la relation :

M 2 K (Ve)y ‘S"")n
( ) .‘H\ ‘a’l
W
Cette relation associe & la distribution des

vitesses de 1'écoulement extérieur le long de Fii,
un facteur A“‘l'?.é 4 la forme de 1a ligme de jet

et permet par conséquent,de dégager un schéma
itératif dans la recherche de la position d'équi-
libre d@¢ FH qui est le suivant :

¢y (Au)‘w = [_K (Ve {85 V)n ]

dans cette expression M est le nunéro d'itération
sur 1= forme du jet.

n

Ce schéma conduit & la séquencc d'op rationsci-
aprés :

Connaissant & 1'itération W une forme approchie

de FH, on calcule alors l'écoulement & l'intérieur
des domaines By et De ; on en déduit la
distribution des vitesses ( Ve )ysur FH pour le
domaine extéricur et d'une fagon génirale toutes les
grandeurs intervenant au second nembre de l'expres-

sion () .
KN
N
o [ERe
@ o e ey
! L ,
M [ v
©J
@ i
:
!
[
™ [otcut des :a;m. »r FR|
!
[ Colaut de h’,’“u- ﬁJ
&) [caku o 0= aora (8;) |
k) [ cakul de x einett ]
E >
g

Fig 6 . Organigramine des operahions numeriques

e
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la relation (32) fournit alors la valeur de (ﬂ‘)
nn rea;g‘h déterminer tout d'abord 1'argument
n)  de )a représentation conforme
9 et Lo Asmt des fonctions conjugudes) et
ensuite par retour au plan piysique la forme:
approchce du jet pour l'itération med .

On arréte le calcul, lorsque la condition suivante
est remplie :

nﬂ

Max ;g | %m "'ﬂ!<7

7 étant de 1'ordre de 0,001,

En général une dizaine d'itérations sont nécessaires
d partir de conditions initiales qui sont par
exemple un jet cylindrique droit,

L'cnchainement des opérations numériques conduisant
4 la résolution compléte du rrobldme se trouve
schématisé sur l'organisrarme de la fic.6

3 = JET SUPERSONIQUE EN PRESENCE D'UN ECOULENTNT
EXTERIBUR SUBSONIOUE OU TRANGSONIQU:

3e1 Jusqu'd présent, seules les situations

ol 1'écoulement interne engendre & la sortie de
1l'arridre-corps un jet subsonique ont été examinées,
Jsans les applications, le cas le plus fréquent

est toutefois celui ou ce jet est supersonique et
provoque, spécialement lorsque 1l'¢coulement interne
en sortie de tuydre est sous ditendu, les effets
d'interaction avec l'écoulement externe les plus

Rarqueés.

le couplage qui s'établit alors en aval de
1'arriére-corps, a été examiné en s'inspirant
largenent des travaux effectués par Young {9] .

3.2 Procédure utilisée :

la solution assurant les conditions d'équilibre du
iet en prisence de 1'écoulement extérieur
rapoelées § 2) est obtenue selon le processus
itératif suivant :

On détermine tout d'abord le contour extérieur du
jet supersonique isobare issu de la tuydre interne
et détendu & la pression de 1l'écoulement
externe uniforme en emont de l'arriére-curps.

Ensuite, on calculc 1l'éecoulement autour de 1'obstacle
formé par 1'arritre-corps, prolongé par le jet
considéré comme un corps solide, Ce calcul fournit
une répartition des pressions non uniforme le lons
de ce contour oui est utilisée, au cours d'une
seconce itération , comme conditions gux limites
pour le calcul d'un jet non isobare, et le processus
est repété jusqu'd convergence du procédé. Cela
signific iei, que 1n loi % (%) difinissant la
méridienne du jet ne change plus de fagon significa-
tive & partir de 1'itération W , 1l'éeart

ned FI
étant inférieur & une waleur

fixdée & 1l'avance et qui est de l'ordre de 0,001,
Cette conver ence c3t ¢néralement obtenue au bout
de 5 4 6 itérations

3.3 Caloul du Jet supersonioue

la méthode utilisée pour définir la lirme de courant
frontiére du jet supersonique est décrite de fagon
détaillée Ref.[10] -

L'écoulement interne c¢tant supposé ennnu en particus
lier, sur une caractdéristicue issue du Bord de
fuite de 1l'arriére-corvs, les ¢taves du caleul de

8.7

1técoulement supersonique aval A partir de ces do-
maines initiales sont les suivantes g

a) caloul de la détente centrée qui se produit
au Bord de fuite, lorsque l'écoulement interne est
sous détendu (le seul cas considéré ici)

b) calcul de 1'écoulcment en aval de cette détente
pour des conditions de pression imposées A la
frontidre du jet par une loi comnue p (%), 1a
formation d'ondes de choc par focalisation
de caractéristiques d'une méme famille issues de la
frontidre du jet étant notamment traitée de fagon
rigoureuse,

Toutefois, oe calcul est effectud sur une étendue
limitée, de manitre & ne pas accroitre exagérément
le temps de passage sur ordinateur. En fait,
considirant que 1'évolution au cours des itérations
successives dela structure du jet en aval du fer
minimum de section qui apparait en X,, au deli

du Bord de fuite est sans effet sur la distribution
des pressions au contour de l'arriére-corps, pour
des raisons le simplicit’é, le jet a été arbitraire~
ment représenté pour % $ X par un cylindre.

Parmi les difficultés rencontrées au cours d'un tel
calcul, sirmelons celle qui se manifeste lors de la
détermination de la frontidre du jet au voisinage
irmédiat du Bord de fuite de 1'arrilre-corpse
Lorsaue 1'on néglige les effets de la viscosité, le
bord de fuite est un point d'arrét rour l'écoulement
externe, lorsque P- 24, pour 1'écoulement
interne lorsque p,,/?'_.‘ A (condition de

Joukovsld.), au voisinage duquel la vitesse évolue
de fagon extrémement rapide.

En réalité, les effets de la viscosité, au niveau de
la conflue:ice (qu'il y ait ou non décollement

de 1'écoulement externe) entrainent une réduction
sensible de la pression en ce point, p.ession qui est
en fait significativemont plus faible que P.g

Compte tenu de cette circonstance , la détente ini-
tiale du jet a ¢t¢ systématiquement calculde, pour
une pression de 1l'découlement externe €gnle non pas
a maic & la valeur obtenue par
extrapolation linlaire de la pression calculde au
premier point du maillage, situé en eval du Bord de
fuite.

3e4.Calcul de 1'cooulement exteme
30441 Méthodes et ~onditions de calcul :

Dans le cas ol cet ¢coulement est partout suberitique
la méthode dévelovpée § 2 s'applique & toute

forme d'arriére-corps et permet en particulier

de s'affranchir des hypotheses restrictives de corps
élancés.

Par contre cetie méthode n'est pas applicable au cas
ou l'écoulement externe cst transsonique, cas qui
couvre un domaine d'application extrémement important
spécialement dans le cadre des ctudes d'interaction
écoulenents intcrne-externc relatives aux arriére-
corns.

C'est pourquoi, la mise en oeuvre d'une méthode des
netites perturbations transsonicues a ¢té effectudle,
afin de disposcr 4fun moyen nermeftant une ¢tude
nrélininaire de ees nhénonines.

3.4.2 Calcul de 1'¢coulenent externo 1o métho-
de des netites perturbations transsonicues.

L'hyvothtse de netites nerturvations nour 1'éeou-
lement extirieur, coit

u‘l‘<<4
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conduit & des équations simplifides décrivant le
mouvement axisymétrique d'un fluide parfait
compres:ible. L'écart par rapport & 1'écoulement
uniforme dévond, en ordre de grandeur, d'un
paramétre T caractéristique de la pente de la
paroi ou de la ligne de glissement (supposée ici
connue, et donc traitée coume une pa.roig.

De plus dans le cas des écoulerents transsoniques,
le passage & la limite T w0 conduit & une
équation de type mixte ci on fait tendre le nombre
de biach & l'infini vers ltunité, tout en maintenant
le rapport (4-M&)/T* d'ordre O(4) (Ashley, Holts
and Landahl, Harten [11]}.

kn premibdre approximation on trouve qu'il existe
un potenticl de perturbation satisfaisant &
1'équation nixte et non-linéaire

3912%¢ , 4 2 (329).
[Ke '("“)E]SF"' '!5?(&'3%) =0
et assujetti & la condition de glissement sur
1'obstacled

. 239 - gt
Yo 5t R

et a 1'infini au comvortement asymptotique :

5 - c
x4RY Lave ‘?
Y est le rapport des chaleurs spécifiques.

K est le paramitre de similitude transsonique,
dont l'expression la plus courante est t

K = - M}‘
(MaT)E
les variables réduites sont définies par les rela-
tions suivantes :

é 2o (2+2Q)

1a rayon du corps ou la distance radiale de la
ligne de glissement sont donncs par
7= TR (=)

L'équation est résolue par une méthode de différences
finies utilisant un schéma mixte tenant compte du
type local de 1'équation, ainsi :

lorsque K- (YH)g-z 30, 1'écoulement est sub-

;=D'L

sonique et l'équation est de type elli%tique ;_on
x

utilise des expressions centrées pour 5% et ':E H

lorsque K- (rﬂ)g-:l‘ < 0, 1'écoulement est su-

personique et 1'dquation est de type hyperbolique ;
on utilise des expressions décentrées avancées

pour .

-3
Cette méthode conduit, pour les valeurs du potentiel
sur une colonne % = constante, & un systdme 4'équa=-
tions dont la matrice des coefficients est tridie-
gonale & diagonale dominante. La résolution est tres
rapide si on utilise un algorithme d'élimination
directe. On peut introduire un factsur de relaxation
W voisin de 1,8 en subsonique et 0,9 en supersoni-
que. Le plan est balayé itérativement jusqu'd conver-
gonce, celle-ci étant atteinte en pratique au bout
de quelques centaines de cycles (400) pour un mailla-
ge non uniforme de 80 x 30 noeuds,

Comme dans 1'article de Krupp et Murman|12] la
condition de glissement est appliquée sur un petit
cylindre proche de l'axe de symétrie. Lorsque la
convergence est obtenue, le potentiel est interpolé
linéairement aux mailles du réseau afin d'obtenir
sa valeur {,(Z)sur le corps ou sur la ligne de
glissement. Le coefficient de pression east alors
calculé par la formule @

- 2 dgs (dR "]
Kp = -<* [ 9% -(4R)
qui tient compte de la contribution dfe & la compo-

sante verticale de la vitesse, non négligeable en
théorie des corps élancés.

!- !F i,iy_‘/lwuel.r";' o
.

Le ocontour extérieur du jet qui prolonge l'arridre
corps et définit avec celui-ci la forme de 1'obstacle
auquel est appliqué la méthode de relaxation déorite,
est évidemment donné par la méthode des caractéris=
tiques lorsqu'il s'agit d'un jet nettement supersoni-
que. Dans le cas ol le taux de détente est faible
(r‘j [pa v 2), ce qui correspond au cas d'un

Jet sonique ou faiblement supersonique, pour le-
quel les variations de seotion sont trds petites,
1'approximation d'un jet & section constante a été
retenue.

4 - APFLICATIONS - COMPARAISON AVEC L' EXPERIENCE
401 ~ Gonfiaurations étudiden

Les formes géométriques externes des arridre-corps
retenus sont représentées figure 7 ol l'on trouve-
ra également le tableau de cotes des méridiennes.

Coles des arridrecorps |

!’T: [0 Joos8 o017 |0.270 [0.361 |0452 [0544 |063s
£ [0726 0790 | 0,836 {0672 [0.918 |0945 0973 ]
= [ a5 0498 [0489 [0475 [0454 [0427 |03 [0353
D (0306 {0269 [02¢1 [0217 0185 [0165 [0.%45 T012¢
I
X=T_0_Jom1 Jo2s5 [as7 Jos0s Jo627 [071< | 0777
T [0826 [0863 [0888 [0913 |0o38 | 0963 |0981 | 4
r | 05 |0497 (0485 |0463 | 043¢ | 0401 | 0372 [ 0345
D [0319 [0.297 [0281 [0.265 | 0.2¢86 | 0230 | 0218 | 0208

L.zlongueur de I‘ARcorps
{partie évolutive)
diométre maximal

1 D=

Fig? FORMES GEOMETRIQUES DES ARRIERE-CORPS

ETUDIES

La configuration I est extraite d'une étude expé-
rimentale présentée réf. [13]. Elle se caractérise
par un élancement assez important et un rapport de
troncature (1. [v .. “.‘_%.0,25) assez faible.

(]
De cette mBme référence ont été tirds les résultats
d'essais effectués dans le tunnel transsonique de
8 pieds de Langley Field.

La configuration II, est 1'une des configurations
test, dite tuydre 10°, retenues par le groupe de
travail Agard chargé sous la Direction du Pr Ferri
de discuter les méthodes d'essais d'arriére-corps
et de tuydres.

Les points expérimentaux correspondants proviennent
des résultats d'essais effectués par 1'A.E.D.C.

Les différents c-alculs entrepris, sont résumés
dans le tableau ci-aprds ol sont notamment définis
les 2 paramttres qui caractérisent les conditions
de calcul sur une configuration donnée @

- le nombre de Mach Mee supposé uniforme en amont du
maftre couple.

- le taux de détente P‘J/r de 1'écoulement interne.
-~

Dans tous les cas, les deux écoulemenis confluents
possddent des températures d'arrét voisines de
1'ambiante et une valeur de écale & 1,4

(air froid).

On notera que les calculs éffectués par la méthode
d'éléments Tinis ($ 2) ont été volontairement
limités & une valeur maximale du nombre de hach

M o0 de 0,8 de manitre & muintenir & un faible
niveau les eflets dls & la limitation transversale
du domnine physiaue de calcul.
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. L Méthode Fig 8c ARRIERE-CORPS n°
Armiire-cerps Hs R de caicul COMPARAISON CALCUL-EXPERIENCE
16 E F Coleul -ceeeee pelites perturbations transsoniques
0,8 2 PP Kp 09
[ s EF PP -Q5} e
1 R 2
{ 2 PP 'bf'
0.9 s PP .
e
{ 2 PP L] JA \l\\ R Il
02 7 EF. PP o 05 L, 1
o z PP ){\’*
) { 7 PP Expirience
L]
\
as| \
Nota: PP. Mathode des petites perturbations iranssoniques ( 3 3)
EF. Méthode d ‘éléments finis ( § 2) Fig 8d ARRIERE - CORPS r®
COMPARAISON CALCUL-EXPERIENCE
4.2 - Brédpentation des résultate Caleul eaeee- petites perturbations Iranssoniques i
4+2.1 Ecoylemont exterme subcritique - Kp M09
Les rdsultats sont présentés sous forme de courbes T R_.s
KP (X)et comparée i 'expérience fig. 8 et 9. Pa
in ce qui concernme la configuration I, les méthodes | K’
de calcul utilisées conduisent & des résultats trés e P % ’
voisins, assez bien recoupés per l'expérience sauf P _,f e
~u voisinage du Bord de fuite, ol des effcts = 6 0:5 ‘\‘ 41‘ i
d'interaction visquuuse assez marqués apparaissent, . ‘
les recompressions obtenues en l'cbsence de visco- .
sits étant sensiblement plus (levées que dans le \‘
cas r<el pour les raisons indiqudes cn 3.3. Expérience / \‘
Fig 8a ARRIERE.CORPS n'l 05 |
COMPARAISON CALCUL EXPERIENCE \ !
Calevl ...... petites perturbalions tronssoniques ! |

L'influence du taux de détente du jet et par

élements finis o N
suite de sa iorme extirieure est tres faible

0 KP M08 dans les coleculs de fluide porfait.
......... Kp 1< %‘- €2 Ltexpirience montre que cette inilucnce ce trouve
. en fait limitée au domrine s'¢tendent immddizve-
Experience ment en amoat du sord de fuitc swr environ 15
¥ éeorts oxistant entre caleul ct expéricnce sont

impor:ants,.

“n ce qui corcerne le coenii uration II dont

N h i

de la lonjueur totale de l'arriére-corps ou les |
!

i

{

Ma, R 1 1'élancement est plus modérd, on notera pour
T N M =066t A< P%“?- (fir.9a) qu'un désaccord
qs _ A e ‘ assez sensible entre tnlorie de fluide parfait et

expsricnce apparait & vartir du maxirum de vitecse, !
désaccord qui staccuse au fur et i mesure que 1'on !

Fig8b ARRIERE.CORPS rel se rapprociie du Bord de fuite.

COMPARAISON CALCUL EXPERIENCE Fig 9a ARRIERE.CORPS rtll

Colewd ....... pelites perturbations lranssoniques COMPARAISON CALCUL EXPERIENCE
elements finis Caleul ... petites perturbations transsoniques
M,.08
KP R.
M,-08 .pL 22
@®
Kp
-Q51| .
_________ Kp
_ Expérience
i X
o pra X
0 s ‘~.\'-.. 1
\\ O..
\\\
Q5] \\
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Fig9b. ARRIERE.CORPS n*I 44242 scoul -mont extermo suporaritique
S COMPARAISON CALCUL EXPERIENCE . o8 4 do détent adbl
i our des taux de détente assez ot
Coicu! ... - Petites wtufbn"m- tronssoniques ( Py b 2, fig. 9 ¢) , 1'évolution des vres-
¢lements finis siofd'Sariétales dans ln zonme supcrsonique de
M,:08 1'écoulement veut8ire considérde comme correcte~
KP ment or{vuepar la théorie des petites nerturbo-
-gsl 2 7 tions transsoniques, de méne aue la position

moyenne de l'onde de choec. Par contre des
écarts sensibles avec l'expérienoe apparaissent
en aval ol 1z pression théorique correspondant
4 une confipuration de choc droit est trés
supéricure & la prescion expérimentale résultant
du processus d'interaction couche limite onde de
choc qui ecnduit & une solution du type choc
obliques

De mdmc que dans le cas subcritique et contraire-
ment & ce que 1'on pouvait attendre, le calcul non
visqueux ne met en évidence aucunc influence
sensible Ju taux de ditente Psj /p,e(lorsque
celui-ci passe de 2 i 7 environ) aussi bien sur
la positiorn de l'onde de choc que sur la forme

de la recompression en aval, alors que l'expé-
rience fait apparaitre un effet sensible en

particulier sur la position de 1l'onde de choce
4,2,3 Jentative de prise en compte de certains
Fig.9c ARRIERE-CORPS n* I e acost
effets 1o viscositd.
COMPARAISON CALCUL - EXPERIENCE e —
Colcyl ------- petiles perfurbotions transsoniques la vremidre constatation ocui se dégage de cette
Mg0,95 confrontation il cst vrai limituc, csi que la
K P nature visqueuse de l'écouleent joue un r8le
P g2 essenticl dans les phdncménes dtinteraction
-0.5} Py ¢coulerent interne-externe,
I\
;h/ .': Expérience Deux caté;,;orics de vrobléme sont clairement
e b" mises en évidences
e |
[]
/-’------K;‘ L Y a) d'une part, lorsque l'découlement est supercri-
R ¢ B \_L___:'_.. i tique, le chénomine d'interaction couche limite-
0 05 ‘\ %oy 1 onde de choc conduit & des recompressions en aval
* '\.. du choc trés différentes de celles que prévoit
L 1a solution de fluide parfait ;
‘
N b) d'autre part, 1'¢évolution de la couche limite
osL ! au voisinage du point de confluence résulte d'un
\ processus de forte interaction visqueuse qui modifie
censiblement la distribution des pressions calculées
Fig.9d ARRIERE-CORPS n*1I en l'absence de viscosité.
COMPARAISON CALCUL - EXPERIENCE
Coleul --ceu- petites perturbalions Ironssoniques Nous n'examinerons pas ici le traitement des phénomé-
0.95 nes d'interaction couche limite-onde de choc. Nous
Mye0, nous contenterons d'aborder la pertie b) dans le
Kp Pz cas cli 1l'Ceoulement externe est suberitiques
-05| P
A la premidre démarche consiste & tenir comnte des
o \ effets de déplacemeni des couches dissipatives, la
e loi d'évolution & (%) Stant obtemue par un caleul
",r‘ ol classique de couche limite. Cette expérience muméri-
/ __d K X que a ¢té entreprise dans le cadre de la méthode
P A Neg P d'éléments finis exvosée § 2,
0 05 1 . °
B0 L La ligne de glissencent qui adpare les Ccoulements
\ Pooe interne et externc est alors remplacée par une
. > bande étroite correspondant & l'effet de déplace-
Experience \ ment des lisnes de courant frontidre de ces
i \ écoulements, les conditions d'équilibre local

ost

(éralité des pressions) étant assurdes en des
points homologues, définis en premitre approxima-
\ tion par l'intersection de ces lignes de courant
avec une normale & l'axe de symétrie.

Si les résultats expérimentaiux sont mieux recoupés

en moyenne, pour la veleur P-:J' / = 7 du taux de Le calcul de 1'épaisseur de déplacement O (%)
feo (fig, 10 a) & 6t¢ effectué, on utilisant la méthode

détente (fig.9 b), cet accord est asscz fortuit intégrale développée par Green et Al [14] qui

et provient essenticllement de ia variation dans permet d'obtenir 4 la paroi de l'arridre-corps

le sens d'une recompression accrye qu'a subi la et le long de la fontidre du jete

distribution expérimentale K' &‘)sous 1l'effet de

1'interaction, alors que le calcul de fluide par- L'application de cette technique de calcul & la

fai: n'eat oue trés peu modific lorsque P‘) /P"’ configuration II, pour un nombre de Hach M = 0,8

varie.
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et un taux de détente ch /P-‘ ¢7 est preésentde
fig.11, le nombre de Reynolds N,,étant épal A

10_‘ et l'épaisseur initiale (84/) de 1'ordre de
2 > =0

On observe comme prévu, une légtre diminution des
vitesses sur l'obstacle, mais pas d'amélioration
cignificative de la forme de recompression au
voisinsge du Bord de fuite. le caloul classique
de couche limite conduit donc i une estimation
incorrecte de la variation de '4 dans cette
région . Pour s'en convaincre, il suffit de se
reporter & la fig. 10 b qui montre & grande
échelle 1z situation dans le plan rhysique de la
frontidre des écoulements interne et cxterne
décalée de 1'épaisseur 8 (%) calculsle(courve a).
Ceite courbe prisente un point anfuleux trés
prononcé et impose donc un voint d'arrét dans le
calcul de fluide parfait associé.

ARRERE - CORPS [ Maz(Q8 Hinc
% Rj/Paz7 p
o L
a/ 1
/ 4
v
- 0’1 B a/
Hinc —o—0 . / &
00— — o—'"‘°’°——° /

Q05 /./'
. 1
WD .’./'
—
0—0—0—0——0-—“""—.'——". p
X
r Y T T T g - Y T T ™
o Qs 1

Fig10a. EVOLUTION DES COUCHES LIMTES CALCULEES

ARRIERE _.CORPS = /i
% I M.:Q8 'F.""

—=-. courbe a
b

Fig 10 b : Représeniation de I'elfel de déplacement 84(X) dons le
plon physique

Le traitement rizoureux de 1'écoulement visqueux
au voisinage du point de conflvence cat actuel-
lement un problémc ouvert cue l'on ne peut traiter
d'une maniére exacte dans le cadre des équations
classiques de la couche limite. A titre de
palliatif, Taguirov (co.minication privée) a
proposé une méthode empirique permettant de
représenter 1'effet de déplacement au voisinage
du point de confluence d'une manitre approchée
inspirce par 1l'expérience.

Le domaine concerné peut 8tre subdivisé en deux
régions d'étendue respective £, et £¢ (fipure 10 b)
situdes de part et d'autre du Bord de fuite.
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L'origine L4 de la preniére coincide sensiblement
avec 1l'apparition d'une forte croissance de la
pente d’;/‘,(fig. 10 a), éventucllement provoqude
par le décollement de la couche limite. £lle peut
8tre définie de fagon plus précise en se fixant une
valeur convenablement choisie du paramétre

E=_§‘4_0\,L_°22 ($= 0,044)
YM‘ dx

La seconde région 2’, , est celle ol se produit la
confluence dvs couches dissipatives des écoulements
ilterne et externe j elle inclut, lorsqu'il existe
un décollement amont, la zone de recollement de la
couche limite de 1'écoulement externe sur le jet.
Les deux principaux paramdtres qui régissent le
phénoméne de confluence sont donc et "M,

Taguirov propose de retenir la valeur !"' 24 ot

‘
de représenter 1'évolution & (x)entre L et Ly
par un polynfme de liscage assurent la continuité
des pentes en L, et Ly (courbe b fig. 10 b).

Les calculs effectués en utilisant cette régle sont
représentés fig. 11,
Fig. 11 ARRIERE_.CORPS rrll
COMPARAISON CALCUL EXPERIENCE
M08 _'g;. o7

......... _ sans effet de déplacement ()]
avec effet de deplocemen:
— — .~ lissoge ou bord de fuite

Calcul . eiements finis
fluide parfait

-05]

1L

La courbe K'(ikorrespondante, bien qu'elle ne
coIncide pas avec les points expérimentaux présente
toutefois une image assez réaliste de 1'évolution
réelle,

La mise en oeuvre oratique d'une telle méthode,
nécessiterait bien entendu un nomore d'exvériences
numériques beaucoup vlus important, assorti d'une
analyse expérimentale détaillée pemmettant notame
ment de fixer avec plus de prépision les valeurs
des varamdtres et .

5 4

5 = CONCLUSTION -

Les résultats présentés ne constituent qu'une
étape d'un programme plus général d'étude des phé-
noménes d'interaction écoul ments interne - externe.

Les méthodes de calcul décrites permettent de trai-
ter les problémes de confluence dans le cadre d'une
théorie de fluide parfait, pour des écoulements

extoernes irrotationnels subsoniques ou transsoniques.

Dans le cas ou 1'écoulement externme est subsonique,
la technique d'éléments finis proposée pemet de

ey



8-12

prendre en compte des formes géométriques d'arridre
ccrps qui peuvent 8tre conplexes.

La procédure itérative utilisée, a conduit, dans le
cadre des applications envisagées, & la convergence
de la solution au bout d'un nombre d'itérations
limjté.

La comparaison des résultats obtenus avec 1l'expérience
a mis en évidence la nature essentiellement visqueuse
des phénoménes d'interaction écoulements interne -
externe,

La prise en compte des effets de déplacement de la
couche limite par des moyens traditionnels, ne
conduit pas & des résultats satisfaisants, le pro-
bléme essentiel demeurant la prévision de ces effets
au voisinage du Bord de fuite aussi bien en amont
qu'ad 1'aval, Faute d'une théorie parfaitement établie,
permettant de décrire les phénomdnes dissipatifs au
niveau de la confluence, la méthode semi-empirique

de lissage proposée par Taguirov semble devoir appor-
ter une solution provisoire, A condition toutefois
dfaméliorer & partir de données expérimentales les
divers critdres qu'elle met en jeu.

Sur le plan des objectifs de recherche prévus &
court et moyen terme nous signalerons @

- 1l'extension de la méthode d'éléments finis au cas
ol les écoulements confluents sont rotationnels,
de manidre & déorire de fagon plus réaliste et plus
précise ce phénomdne et A introduire par la suite
des techniques de calcul du type double couche
pour représenter les effets dissipatifs j

- 1'amélioration de la prévision des effets d'inte-
raction couche limite -= onde de chocs §

= & plus loyr terme le calcul complet du phénoméne
de couplage écoulement dissipatif écoulement de
fluide parfait.
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"LOW SPEED INJECTION EFFECTS ON THE AERODYNAMIC PERFORMANCE AT TRANSONIC SPEED"*

by
Renzo Piva##

Aerospace Laboratory, New York University
and
Aerodynamic Institute, University of Rome

SUMMARY

The problem concerning the possible reduction of the transonic drag for a high
speed airplane has been studied to enhance the aerodynamic performance when, at low alti
tudes, the drag must be minimized.

Attention has been focused on decreasing the drag forces on the aft portion of
the vehicle.

An experimental investigation has been conducted to determine the effect, on af-
terbody drag, of the injection of a small amount of air spilled from the propulsive sy-
stem, having low stagnation pressure, in the rear of the model. The purpose of this in-
jection is to avoid overexpansion of the flow and to increase the average pressure on
the aft section.

The alteration of the external transonic flow field in the region of the shock-
boundary layer interaction is the basic concept.

The main problem to be investigated is where the injection is most effective and
the amount of air required to avoid downstream reattachment. The present work describes
some results of such an investigation.

The required amount of air was relatively low, because of the high sensitivity
of the interaction region to any small change in the flow regime.

LIST OF SYMBOLS
Cp = pressure coefficient
= drag coefficient

(=]

= injection mass flow

equivalent mass flow through the body frontal area
= Mach number

freestream Mach number

= longitudinal coordinate along the body

= body frontal area

= body trasversal area

= longitudinal coordinate along the test section

(=9

[+
o
L}

(x)

"X P P a XX He8- 0
]

= nondimensional axial location of maximum diameter

Subscripts

T = Total

A = Afterbody
F = Forebody

1. INTRODUCTION

The problem concerning the possible reduction of the drag for a high speed air-
plane flying at low altitudes in transonic flow regime has been studied.

At transonic speeds and high Reynolds numbers pressure drag predominantes and is
usually concentrated in the afterbody region, due to the local formation of shocks; then
to reduce the total drag, attention must be focused on decreasing the drag forces on the
aft portion of the vehicle. An experimental investigation has been conducted to determi-
ne the effect, on afterbody drag, of the injection of a small amount of air, spilled
from the propulsive system, having low stagnation pressure, in the rear of the model.The
purpose of this injection is to avoid overexpasion of the flow and to increase the aver-

# This Research was supportec by the United States Air Force Office of Sciemntific Research (AFSC) under
Grant AFOSR 72-2167.
*# Senior Research Scientist, Aerospace Laboratory, New York University, now Associate Professor, Univer-
sity of Rome.
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age pressure on the aft section.

It is possible thus to enhance the aerodynamic performance, with a negligible
loss in the propulsion stream, when, at low altitudes, the drag must be minimized.

The basic concept is to alter the external transonic flow field in the region of
the shock-boundary layer interaction.

In the region of the afterbody the flow becomes locally supersonic and therefore
overexpands. It must then become subsonic by passing through a shock wave and thus, drag
is generated. Th» extent of the overexpansion and of the subsequent shock is reduced if
the pressure risc across the shock separates the boundary layer and produces upstream
effects.

To reduce transonic drag, it appears then promising to induce a boundary layer
separation, by injecting a small amount of low velocity air near the wall, which caduses
the boundary layer profile to be similar to a profile near the separation region.

The main problem to ke investigated is where the injection is most effective and
the amount of air required to avoid downstream reattachment. The present work describes
some results of such an investigation. For the present preliminary studies, an axisym-
metric model was used, as representative of an airplane configuration following the equi-
valent area rule concept that has been shown to be valid in transonic flow for determin-
ing the drag of a complete configuration. Following this equivalence the drag reduction
on an axisymmetric configuration can be related to that on a three-dimensional body.

2. DESCRIPTION OF THE EXPERIMENTAL EQUIPMENT

A transonic blowdown type wind tunnel facility at New York University Aerospace
Laboratory was used in the present investigation.

The slotted area was 12% of the total wall area and the slots discharged into a
surrounding constant pressure chamber. With this precer.t«ge it was possible to obtain a
uniform Mach number over approximately one test sectio: clameter [Ref. 1].

Since the present investigation was concerned with the base flow region, inorder
to avoid large wall effect, the model was mounted on a central body concentric with the
test section.

The additional advantage of the present arrangement is the possibility of simula
ting a wide range of Reynoids numbers by varying the pressure and by artificially thicken
ing the boundary layer. In this manner a portion of the complete flow fiel around a gi-
ven body can be accurately simulated without having to test the entire shape, and it
is possible to obtain the necessary scaling to achieve complete similarity to the real
flight conditions.

In fact, the boundary layer shock interaction phenomenon is very sensitive to the
boundary layer thickness, velocity profile, and transition point location, relative to
the interaction region, besides the unit Reynolds number |Ref. 2| and the potential flow
(i.e., the shock strength). This is more pronounced when a large merged separated region
prevails after the shock. However, the scaling effects and similarity with the real
flight conditions are not crucial here since only a comparative investigation of the flow
field with and without injection was the primary purpose of the investigation.

Two models with different geometry were tested to provide two different types of
base flow separation.

Model I with a small streamwise cervature and model II with a large streamwise
curvature.

The two models give a different basic flow field when injection is not present.
In the first one the separated flow after the shoch reattaches downstream, in the second
the flow after the main shock is completely separated.

The pressure was measured along the bodies at the locations of the pressure taps.
The pressure distribution on the slotted sleeve and on the tunnel walls was also measu-
red. The infinity conditions were determined with pitot probes before and after the test
section.

The base injection was effected by 12 longitudinal slots .032 inches wide along
the models at their base. Different injection lengths and positions were obtained by
closing part of the slots. The pressure in the model chamber can be controlled to have
different subsonic injection velocities.

3. DESCRIPTION OF THE EXPERIMENTS AND RESULTS

The flow field on the afterbody portion of a vehicle flying at transonic speed is
mainly controlled by the shock boundary layer interaction phenomenon. The main transonic
shock induces a boundary layer separation and the consequent flow field structure is
strongly dependent on the slope of the afterbody and on the main stream conditions. A
local low speed .njection may greatly modify the flow field, acting as a change in the
previous two parameters. The basic no-injection flow field is analogous to the two-dimen
sional case |Refs. 2, 3, 4|. Schlieren photographs and explanatory sketches for the two
experimental models are shown in Figs. 1 and 2. The low speed separated region spreades
the shock in many compression waves near the wall giving rise to a lambda shock followed
by a small supersonic region ("supersonic tongue”).

The shock induced separation forms a local bubble, and the reattachment point

54



a) b) .
Fig. 1 Schlieren photographs for models I and II

a) b)

Fig. 2 Flow Field Sketches for Model I and II

moves downstream as the strength of the shock increases. A second rear separation may
occur, because of the adverse pressure gradient, in the subsonic flow approaching the
end point of the body (Fig. 1a). This rear separation strongly depends on the local pres
sure gradient and on the history of the boundary layer (i.e., transition, boundary layer
thickness and profile). For large curvature bodies or large boundary layer thicknesses,
the two separated reqions may interact and merge producing an amplification of the ef-
fects of the disturbance at the foot of the shock (Fig. 2b). The pressure distributions
(Fig. 3) confirm qualitatively the illustrated flow field models and show in particular,
in the subsonic region before the end point, a recovery of pressure for Model I and a
large separated region, beginning from the shock, for Model II.

Low speed normal injection of mass flow through the slots of the models (in the
boundary layer shock interaction region) results in a modification of the boundary layer
conditions and the model contour, and as a consequence in a change of the flow field con
figuration. More specifically the injected mass flow has three effects:

a) The injected mass acts as an obstruction that induces the reparation of the boundary
layer and consequently induces a shock modifying the transonic basic shock system.

b) The changed boundary layer conditions and in particular, velocity profile and thick-
ness modify the separated regions behind the shock.

c) The equivalent body shape which is a function of the mass injected, changes the main
transonic shock position in order to recover to the same end pressure.

Different combinations of the three effects a, b, and c, give rise to different
flow fields, that can be represented by two flow field schemes. They are illustrated by
Schlieren photographs for the two experimental models (Figs. 4 and 5) and explanatory
sketches (Fig. o).

The boundary layer separates because of the normal injection and induces a shock.
Depending on the initial station of the injection the shock moves umpstream reducing the
supersonic region and so increasing the average pressure on the basic part of the body
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Fig. 3 Typical Pressure Distribution without Injection for Model I and II

Fig. 4 Schlieren photographs for model I with injection

Fig. 5 Schlieren photographs for model II with injection
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| TRANSONIC SHOCK
POSITION WITHOUT
| INJECTION

Fig. 6 Flow Field Sketches for Model I and II with Injection

(Fig. 6a). The shock is the main normal transonic shock if the position is consistent
with the end pressure to be reached. The main shock can move upstream with respect to the
no injection position if the flow is separated behind the shock so that the pressure re-
covery 1is reduced. This configuration has been obtained for Model II (large streamwise
curvature) or for Model I when the injected mass flow is large.

If the injection is initiated too farupstream or the mass flow is not sufficien-
tly large such that the flow is not completely separated, the shock induced by the injec
tion must be an oblique shock, because a normal shock would not be able to match the end
pressure. After the obblique shock, the flow being still supersonic, reattaches produc-
ing an expansion followed by the main transonic shock (Fig. 6b). The position of the
shock is, also in this case, determined by the end pressure recovery that is fixed by
the separation and the mass flow injected. Different types of separated regions may
exist after the main sh~ck depending on the boundary layer conditions and the strength
of the shock. Also in thirf case, the presence of the oblique thock reduces the Mach num-
ber from the initial injection ctation on and therefore the average pressure on the after
body increases.

The recovery of pressure cn the aferbody with injection is now generally lower
because the mass injected and the :eoparated region (s), amplified or generated by the
injeztion, prevent the flow from deccvlerating in this region. The pressure increase due
to the reduction of the supersonic region length is generally larger than the loss of
recovery on the end of the body. A lower 4drag is therefore obtained. Typical pressure
distributions are shown in Fig. 7 e 8 for the two cases compared with the corresponding

18.5— TEST 62
P
8.5 b
ITEST 94

145

TEST 33: NO INJECTION
12.5

| el

8 6 4 2 )
|
L-— inj (TEST 24) — ]
L—m: (TEST uz)J

Fig. 7 Typical Pressure Distribution for Model I with Injection
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Fig. 8 Typical Pressure Distribution for Model II with Injection

no injection case, the complete series of results for various injection conditions and
for the two experimental models are reported in |Ref. 1}

The pressure coefficient distributions on the two experimental models were
measured for different values of the following parameters:

1) Extension and location of the injection region

b) Mass flow injected and consequently velocity of injection
¢) M_ and upstream conditions

The values of these parameters are shown in the diagrams corresponding to each experi-
mental case.

The pressure distribution on the mcdel is particularly sensitive to the injec- i
tion location. A camparison of the pressure distribution results with different injection exten-
sion and location but at the same M_ and injectior flow rate is presented in Fig. 9. A
comparison of the pressure distribufion results with different injection rates but fixed
injection rates but fired injection location and M_ is shown in Fig. 10.

A few results for different M_while maintaining the same injection flow rate
and injection position are shown in Fig. 11. An increase in the free stream Mach number
moves the main shock downstream and the flow field is qualitatively the same.

The nominal test conditions for the present experiment were a stagnation pressu-
re of 30 psia and ambient air temperature (520°R). This resulted in a local Reynolds
number of the order of 106/ft.

4. DISCUSSION OF THE RESULTS

The pressure distributions obtained from the experiments show in general that
with an appropriate injection, the supersonic region is reduced. Consequently, the pres-
sure 1is locally higher, but also the recovery on the end of the body is lower because of
the larger separated region and the injected mass flow. The two effects counteract each
other, hence the total force on the afterbody must be calculatel to give a representati-
ve parameter of the effectiveness of the injection in the various cases. The afterbody
drag coefficient

Xp
C_(x)A'(x)dx
= L

DA A

[o}

bas been calculated in finite elements from the pressure distribution measured.

The percent form d ag reduction due to the afterbody injection on a typical
flight vehicle at transonic speed wasdetermined by calculating the vehicles total dragqg,
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MODEL 1

mj

24

24
M_s.98

———-68 24 ©

——33 0

r~— inj. (62) —=
[ inj. (94) ———— =

fe—————— inj.(68)

Lo inj.(TEST 19)

L— inj(TEST 132) -l

Fig. 9 Pressure Coefficient Distributions for Different Extensions and Locations of the
injection Region
i.e., forebody and afterbody, with and without injection.

The forebody form drag coefficients were taken from |Ref. 5|, while the after-
body drag was determined for the present two configurations without injection. The dif-
ference in drag coefficient with afterbody injection for some of the more interesting
conditions and some results are presented in Fig. 12. For the small curvature afterbody
a negative form drag can be obtained, while for the large curvature afterbody the net
form drag is nearly zero, i.e., the forebody drag is canceled by the afterbody force.
Aizo the skin friction drag is consistentally reduced with injection due to the separa-
tior flow being in the upstream direction. No estimate of this effect was made here.

From a technical point of view it is interesting to express the injected mass
flow as a function of the equivalent mass flow (at free stream conditions) through the
frontal area of the model.

The correlation presented in Fig. 13 shows that the percentages necessary to
obtain sensible changes in the flow field and large reductions of the drag, are very low
and suitable for practical applications. The drag penalty due to the injection momentum
loss is that due to the injection momentum component normal to the axis which is lost
while the axial component is retained. This drag penalty is proportional to

(1 - cos fj)ﬁj Vj and is very small compareu to the net form drag.

5. CONCLUSIONS
The problem concerning the reduction of drag for an airplane at transonic speed,

e
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Fig. 10 Pressure Coefficient Distributions for Different Injection Mass Flows
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Fig. 11 Pressure Coefficient Distribution' for Different Values of M_
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Fig. 12 Total drag coefficient variation with injection mass flow
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- has been investigated.

An experimental investigation was con
ducted on an axisymmetric model to determi-
ne the effect on afterbody drag of the
injection of a small amount of air from the
propulsive system in the rear of the model.

F The external transonic flow field in
i the shock-boundary layer interaction region,
was altered, increasing the average pressu-
re on the aft section. The amount of air, to
. be injected, in order to obtain a sensible
reduction in the total drag, was relatively
low (of the order of 5% of the equivalent
mass flow through the frontal area of the
Jlr‘ body) since the interaction was found to be
highly sensitive to any small change in the
flow regime.

'3,

08— These percentages, which result in a
negligible decrease in the propulsive stream,
are very effective to reduce the total drag
and to enhance thus the overall aerodynamic

o I performance.
ob— 1 1 11
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Fig. 13 Injected mass flow vs. Equivalent Mass
Flow Through the body frontal area
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ETUDE DE L' INTERFERENCE DE L'ECOULEMENT EXTERNF
ET DES CONDITIONS D'INSTALLATION SUR LES TLRFORMANCES
DES INVERSEURS DE POUSSEE
par J.M.HARDY et J.P.CARRE - S.N.E.C.M.A.

Centre d'Essais de Melun-Villaroche

La mise au point des inverseurs de poussée est généralement faite dans des bancs d'essais de moteurs en
1'absence d'écoulement externe. L'inverseur de jet déviant un débit &levé modifie considérablement le
champ aérodynamique autour de 1'avion. Inversement, la vitesse de vol et les conditions d'installations
réagissent sur le fonctionnement des inverseurs. Cette interaction dépend de 1'organisation de 1'inver-
seur. A 1l'aide d'essais de maquettes effectués sur deux types d'inverseurs au cours de 1'étude de 1'ar-
ridre-corps de CONCORDE nous étudierons les mécanismes d'interaction. Nous analyserons le comportement
de deux syst2mes d'inversion. A 1'aide des essais effectués au point fixe, puis en soufflerie avec écou-
lement externe & 1'O.N.E.R.A,, on mettra en &vidence des écarts de comportement des inverseurs, et on
présentera une étude des mécanismes d'interaction mettant en évidence un paramétre de corrélation permet-
tant d'extrapoler les résultats de 1'inverseur obtenus au point fixe dans les divers cas de fonctionne-
ment. Une &tude du bilan de 1'effort de décélération sera présentée, on montrera la répercussion du Mach
de vol sur les pressions de culot des inverseurs qui se traduit par une augmentation non négligeable de
1a force de décélération.

On étudiera la répercussion du taux de réingestion (augmentation de la température d'entrée-moteur due
au retour des gaz &jectés par l'inverseur) sur la force réelle de freinage de 1'avion. Dans ce bilan,
nous montrerons la part importante résultant de la trainée de captation, croissant avec le Mach, et nous
montrerons que le choix de la configuration d'inversion optimale, compte~tenu de ces éléments, peut &tre
différent de la configuration optimale au point fixe.

A la vue des divers éléments énumérés ci-dessus, on développera des ccnsidérations générales sur la
conception des inverseurs.

RESEARCH ABOUT EFFECTS OF EXTERNAL FLOW AND
AIRCRAFT INSTALLATION CONDITIONS ON
THRUST REVERSERS PERFORMANCES
by J.M.HARDY and J.P.CARRE from S.N.E.C.M.A.

Development of Thrust Reversers is generaliv carried out in engine test cells without external flow. As
Thrust Reversers deviate a significant amount of flow this modifies considerably the aerodynamic field
surrouding an aircraft. Inversely, flight speed as well as aircraft installation conditions react on the
operating characteristics of Thrust Reversers. This interaction is contingent on the Thrust Reversers
design arrangement. We will analyze interaction mechanisms using test data collected with two types of
Thrust Reversers during an investigation carried out on the CONCORDE afterbody. We will show the diffe-
rences in behaviour existing between the reversers, as revealed by tests carried out with no external
flow, and with external flow in the O.N.E,R.A. wind tunnel installation. Then an investigation on inter-
action mechanisms will be presented, bringing out a correlation parameter which makes it possible to
extrapolate Thrust Reverser results obtained in static conditions for various running configurations.

A balance of deceleration forces will be analysed, and we will show the effects of flight Mach number
on the Reversers base pressure values.

Consequences of the reingestion rate (increase of engine intake temperature due to recirculation of hot
gases from the reverser) on the aircraft effective braking forces will be investigated. We will under-
line, in this force balance, how significant is the contribution of capture drag, which increases will

the Mach number, and we will show that the choice of the optimum reverse thrust configuration, when taking
these factors into consideration, may be differing from the optimum configuration in run-up conditions.

Taking into account the various data mentioned above, we will then develop general considerations on
Thrust Reverser design.
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ETUDE DE L'INTERFERENCE DE L'ECOULEMENT EXTERNE
ET DES CONDITIONS D'INSTALLATION SUR LES PERFORMANCES
DES INVERSEURS DE POUSSEE
par J.M.HARDY et J.P.CARRE - S.N.E.C.M.A.
Congrés AGARD - ROME 1974
NOTATIONS
Pj Pression totale jet primaire
Tj Température jet primaire
“j Débit jet primaire
Aj Section géométrique de la tuydre primaire
Vj Vitesse du jet primaire
P' Pression interne de 1'arriére-corps dans le canal secondaire
P Pression derriére les obstacles d'inversion de poussée
xc Poussée brute jet direct

Poussée brute en inversion de poussée

Poussée nette en inversion de poussée

X, / Pj Ajo

KT / KTO Nota : ¢ caractérise les valeurs isentropiques mono-dimensionnelles
Mach de vol

Vitesse de vol

Pression statique de 1'écoulement externe

Température d'entrée du moteur
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INTRODUCTION

Les &tudes d'optimisation des inverseurs de poussée sont généralement faites au point fixe sur une base
expérimentale. L'évolution des conditions d'utilisation des inverseurs (inversion de poussée en vol)
conduit aujourd'hui 2 remettre en cause cette fagon de faire. Une remarque de Monsieur CARRIERE (ONERA)
montre que le mécanisme de freinage dii aux inverseurs est fondamentalement différent au point fixe et
en vol. Des essais récents sur avion ont montré que les conditions d'installation influaient de fagon
importante aussi hien sur les phénoménes de réingestion que de fonctionnement de l'inverseur lui-méme.

Si on ajoute 2 ces remarques le fait que le choix du systéme d'inversion optimum en vol est condition-
né par le cycie du moteur auquel il est destiné, on est convaincu que 1'optimisation d'un inverseur
n'est pas aisée.

Nous retiendrons que cette optimisation ne peut &tre valablement faite qu'a partir d'ecsais de maquet-—
tes effectués en soufflerie sur des configurations suffisamment représentatives des conditions d'ins-
tallation, ceci associé & des méthodes de calcul permettant d'une part l'analyse des essais, d'autre
part 1'étude des performances du systéme propulsif en inversion de poussée.

SCHEMATISATION DE L'ECOULEMENT EN INVERSION - METHODE DE CALCUL

2.1. Cas du fonctionnement au point fixe

Dans ce cas le Mach externe est nul et 1'écoulement peut &tre schématisé comme présenté planche |
(fig.1). L'application du théoréme des quantités de mouvement donne comme expression de la contre-
poussée : xR = "j Vj cos 6.

On voit dans ce cas que l'effet de contre-poussée est dii au fait qu'une certaine quantité de débit
est déviée par un obstacle et renvoyée vers l'amont 3 la vitesse Vj.

2.2, Cas du fonctionnement en vol

Dans ce cas le Mach externe n'est pas nul. L'effort propulsif en décélérateur du systéme de pro-
pulsion correspond 3 la somme de deux termes : une trainée d'entrée égale 3 W V° et une poussée
de sortie égale 3 W, V,, ces deux termes &tant évalués respectivement 3 l'infini amont et 1'infini
aval. En jet direct1’ xpression de 1'effort propulsif sera : XN - Hj Vj = w] Vo.

En inversion de poussée l'écoulement peut &tre représenté par la schématisation présentée planche

1 (fig.2 et 3). La présence d'un écoulement externe modifie la direction du vecteur vitesse V, qui,
initialement dirigé vers 1'amont, est ramené vers 1'aval, a l'infini, sa direction est parallale

a2 la direction de la vitesse externe.

En écoulement potentiel (fig.2) ce changement de direction s'effectue sans perte. Dans le plan
infini aval lea vecteurs vitesse V. en inversion de poussée et en jet direct sont donc identiques
en direction et en intensité (réf. 0), le jet contourne sans décollement 1'obstacle d'inversion de
poussée (trainée nulle).

L'expression d@ la poussée obtenue en inversion est donc identique i celle obtenue en jet direct.
On voit donc qu'en &coulement potentiel il n'y a pas d'effort de freinage possible par inverseur
de poussée dés que le Mach externe est différent de 0. D'autre part, le corps formé par la caréne
et les lignes de courant amont et aval n'ayant pas de trainée en écoulement potentiel subsonique,
il faut imputer A des phénoménes d'interaction visqueuse les effets de freinage observés en vol,
avec inverseur de poussée.

On se convaincra de 1'intensité de ces effets d'interaction visqueuse si 1'on remarque que la
pression sur 1'axe, en aval de l'obstacle, perpendiculaire 3 1'écoulement interne, devrait &tre
égale 3 la pression d'arrét de cet écoulement, alors qu'elle est, en réalité, inférieure 3 la

pression statique ambiante.

Le schéma avec viscosité présenté sur la planche | (fig.3) montre que, dans la réalité, le jet
décolle de l'obstacle et que la contre-poussée est due, d'une part 3 la trainée de 1'obstacle
de fagon analogue au point fixe, d'autre part & la tralnée due a2 la dépression existant dans le

culot.

2.3, Remarque

Les mécdnismes de destruction de la poussée et de 1'obtention de 1'effort de décélération sont
donc fondamentalement différents au point fixe et avec écoulement externe. La conception des
inverseurs doit tenir compte de ce fait. La recherche du taux maximum de contre-poussée au point
fixe ne se justifie que dans la mesure od 1'on admet que les interactions visqueuser seront d'au-
tant plus importantes que 1'intensité du vecteur vitesse et la déviation qu'il doit subir entre
son origine et 1'infini aval seront élevées.

Pour 1'étude d'un inverseur, on devra s'efforcer de s'intéresser au maximum au champ aérodynami-
que externe, faire en sorte que la section d'arriére-corps en aval du systéme d'inversion soit
maximum et qu'il régne 3 son culot la pression la plus faible possible.

La constatation de ce phénoméne montre également que, lors d'essais en soufflerie, la maquette
doit &tre aussi petite que possible ou la soufflerie de dimension importante afin que les condi-
tions de parois ne modifient pas sensiblement le développement du mélange du jet avec 1'écoule-
ment externe.
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Méthode de calcul

Avant de pouvoir estimer par le calcul les phénomdnes d'interaction visqueuse, il faut déja possé-
der des méthodes de calcul décrivant correctement 1'écoulement potentiel. Des méthodes de dimen-
sionnement des inverseurs ont &té proposées par CHANG (réf.l) en écoulement bidimensionnel incom
pressible et par KADOSH (réf.2) en &coulement bidimensionnel avec correction de compressibilité.

Actuellement la S.N.E.C.M.A. développe une méthode exacte en &coulement bidimensionnel compressi-
ble basée sur une méthode hodographique dérivée des travaux DUTOUQUET-FENAIN (réf.3 et 4). Cette
méthode donne une description détaillée du jet en inversion. Elle permettra en particulier 1'&tude
des grilles d'inverseur. A titre d'illustration, nous présentons planches 2 et 3 les premiers ré-
sultats de calculs. Sur la planche 2 figure une étude d'écoulement dévié par un obstacle normal a
la direction du jet. Sur la demi~figure du bas sont représentées les iso Mach, sur la demi-figure
du haut les lignes de courant.

Sur la planche 3 nous présentons l'effet de la longueur réduite d'un obstacle d'angle donné sur
les performances d'un inverseur.

Le couplage d'une telle méthode avec une méthode traitant le mélange de 1'écoulement interne avec
1'écoulement externe devrait permettre 1'é&tude des phénoménes d'interaction.

3. ETUDE EXPERIMENTALE DE L'INTERACTION DE L'ECOULEMENT EXTERNE SUR LES PERFORMANCES DES INVERSEURS

Nous étudierons les résultats d'essais relatifs 2 deux types d'inverseurs pour lesquels les interacr
tions de 1'écoulement externe se manifestent de fagon différente.

3.1. Inverseur type |

3.2.

La planche 4 présente un schéma relatif 3 ce type d'inverseur. Le taux de détente de fonctionne-
ment normal est supercritique compte-tenu des conditions géométriques, l'écoulement au ccl de la
tuyére primaire est subsonique et il y a blocage de 1'@coulement au niveau des grilles de 1'inver-
seur.

L'interaction des écoulements interna et externe est donc limitée en ce qui concerne le fonction-
nement proprement dit de 1l'inverseur. Par contre, les effets d'interaction au culot des obstacles
peuvent &tre mis en évidence.

Sur la planche 5 nous présentons Vs caractéristiques de fonctionnement d'un tel inverseur obte-
nues au point fixe.

Figure | : Evolution du coefficient de poussée en fonction du taux de détente.
Figure 2 : Evolution de la pression interne en fonction du taux de détente.

Figure 3 : Evolution de la section efficace de la tuyére primaire en fonction du taux de détente.

La figure 3 montre que la section efficace de la tuyére primaire en inversion de poussée est infé-
rieure 3 la section efficace en jet direct, ce qui traduit le déplacement du col sonique 3 1'aval.
Sur cette planche, les deux courbes obtenues en inversion de poussée sont relatives 3 deux posi-
tions des portes tertiaires.

La planche 6 présente 1'évolution des performances de l'inverseur de poussée en fonction du nombre
de Mach de 1'é&coulement externe pour un taux de détente donné.

Figure | : Coefficient de poussée fonction du nombre de Mach

Figure 2 : Pression interne fonction du Mach

2
Figure 3 : Pression de culot (face aval des obstacles) fonction du Mach
4

Figure 4 : Section efficace de la tuyére primaire fonction du Mach
L'examen de la figure 2 montre que la ression interne est peu influencée par le Mach de vol,
c'est~a-dire que le fonctionnement inturne de 1'inverseur peut &tre considéré comme figé.

L'évolution 1égére de la section critique du tube de courant visible figure 4 peut &tre alors impu-
tée 3 un effet de striction dii & 1'écoulement externe au niveau des grilles de 1'inverseur.

La figure 3 montre que la pression s'exergant sur la face aval des obstacles est fortement
influencée par le nombre de Mach. La chute de cette pression est responsable de 1'évolution du
taux de contre-poussée visible sur la figure |, courbe "a". A partir de ces valeurs de pression
et de la connaissance de la section intéressée, on peut calculer l'effort et corriger le coeffi-
cient de poussée pour le ramener i une pression de culot égale 4 p,. Le résultat de ce calcul

est visible figure 1, courbe "b". On voit alors que, correction faite, le coefficient de contre-
poussée est pratiquement indépendant du nombre de Mach. L'accroissement du taux de contre-poussée
en fonction du Mach de vol est trés important : environ 40 T entreM =0 etM = 0,7, Il est lié
3 1'établissement d'un faible niveau de pression sur les surfaces importantes. Il y a donc lieu
de soigner particuliérement l'organisation de 1'inverseur pour pouvoir bénéficier au maximum de
cet effet.

Inverseur type 2

La planche 7 présente le schéma de l'inverseur considéré. Dans ce type d'inverseur la section
sonique de 1'écoulement reste localisée au col de la tuyére primaire. Pour un taux de détente
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suffisamment €levé, 1'&coulement dans l'ensemble d'&jection, d'abord supersonique, subit une
recompression par choc pour devenir subsonique avant d'@tre dévié par les obstacles, la position
de ce choc dépendant de la géométrie des coquilles d'inversion. La planche 8 présente les caracté-
ristiques d'un tel inverseur au point fixe.

Figure | : &volution du coefficient de poussée en fonction du taux de détente
Figure 2 : &volution de la pression interne en fonction du taux de détente
Figure 3 : &volution de la section efficace de la tuydre primaire en fonction du taux de détente.

On peut remarquer sur cette dernidre figure que, contrairement & 1'inverseur type 1, le braquage
des coquilles d'inversion de poussée ne modifie pas la valeur de la section efficace de la tuydre
primaire. Le col reste donc localisé dans le plan d'&jection primaire. L'écoulement dans le systéme
d'éjection &tant subsonique en aval du choc, on imagine aisément que 1'&coulement externe aura un
effet non négligeable sur 1'&coulement interne. D'autre part, comme dans le cas précédent, 1l'inter-
action des deux écoulements sera responsable de 1'établissement d'un niveau de pression assez fai-
ble dans le culot formé par les obstacles d'inversion de poussée.

Sur la planche 9 nous donnons 1'évolution des caractéristiques de fonctionnement de 1'inverseur en
fonction du Mach de vol pour deux définitions du taux de détente : P./po, rapport de la pression
génératrice du jet primaire & la pression statique de 1'&coulement e*terne et P./P‘, rapport de la
pression génératrice du jet primaire 3 la pression statique interne du systime é'inversion.

La figure | est relative au coefficient de poussée :
nono, = te
Courbe "a" : Pj/p° c

Courbe "b" : P,/P = c'®
] 8

La figure 2 représente 1'évolution des pressions internes :
nate te
Courbe "a" : Pj/po = C

o, - te
Courbe "b" : Pj/Ps C

La figure 3 est relative & la section critique de l'&coulement primaire.

Sur cette dernidre figure on voit qu'a P./P_ donné (courbe "b") le Mach de vol est sans effet sur
la section, ce qui n'est pas le cas & PjJ/p0 donné (courbe "a").

D'autre part, on peut voir sur les figures | et 2 qu'a P,/p_ donné les points correspondant aux
essais au point fixe ne sont pas situés sur les courbes réprfsentant les évolutions en fonction

du Mach de vol, 1'écart de poussée visible correspondant i 1'établissement d'un niveau de pression
interne différent di & 1'effet de 1'écoulement externe. Si maintenant nous examinons figure 1| la
courbe '"b" correspondant 3 1'évolution du coefficient de poussée 3 P./P_ donné, nous voyons que
cette anomalie a disparu. 18

L'étude de la figure 2 montre que le Mach de vol est responsable d'une variation importante du
niveau de pression interne, cela aussi bien 3 P,/P donné qu'a P,/p donné. L'ensemble de ces cons-
tatations met bien en évidence 1l'interaction deg égoulements in%erge et externe sur le fonctionne-
ment proprement dit de 1'inverseur.

D'autre part, dans ce cas comme dans le cas précédent, le niveau de pression du culot des obstacles
diminue sensiblement quand le Mach de vol croit, entrainant ainsi une augmentation de la contre-
poussée. On peut voir, figure | '"courbe c¢",qu'aprés correction de la trainée de culot, le coeffi-
cient de poussée i PJ./Ps = Cte est sensiblement indépendant du Mach de vol.

it

Sur la planche 10, nous avons tracé pour les deux types d'inverseurs 1'évolution de lz trainée de
culot en fonction du Mach de vol. On peut voir que cet effet est loin d'@tre négligeable; il repré-
sente un pourcentage de 1'ordre de 40 7 de la contre~poussée observée & n) = 0,90.

Sur la planche 11, et toujours pour l'inverseur type 2, nous avons tracé 1'évolution de la contre~
poussée en fonction du taux de détente paramétrée en Mach de vol. On peut voir, figure 1, que la
contre-poussée maximum associée & une modification de la fonction aérodynamique interne de 1'inver-—
seur est atteinte 3 un taux de détente P./p d'autant plus élevé que le Mach est important. L'exa-
men de la figure 2 oli les mémes courbes ont été tracées, cette fois par rapport au taux de détente
interne P./P_, montre que la valeur maximale de la contre-poussée est bien atteinte pour une valeur
donnée de’ce taux de détente. Si nous avions effectué la correction due a la trainée de culot, nous
aurions trouvé une courbe unique.

3.3. Remarque

Nous venons d'examiner deux types d'inverseurs oll les interactions des écoulements interne et exter-
ne se manifestent de deux fagons différentes.

Inverseur_type !

Interaction sur le fonctionnement interne, interaction importante au culot.

Inverseur type 2

Interaction importante aussi bien sur 1'écoulement interne qu'au culot des obstacles.
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On voit dans les deux cas qu'aprds identification Je ces interactions le choix de paramétres conve-
nables permet de chiffrer ces interactions, d'établir un bilan et une schématisation des phénoménes.
On remarque aussi que le comportement des deux inverseurs est différent; en effet, dans le cas de
1'inverseur type 2, l'augmentation de cont. -poussée avec le Mach de vol due 3 la tralnée de culot
est réduite par la réduction du taux de dét. .e interne, ce qui n'est pas le cas dans 1'inverseur

type 1.

Dans 1'état actuel de nos connaissances, seuls des essais peuvent nous donner les &léments néces-
saires 2 la prise en compte de ces interactions dans le calcul de l'effort de freinege dii aux sys-
témes d'inversion de poussée.

ETUDE DE L'INTERFERENCE DU JET DEVIE SUR L'EFFORT DE FREINAGE (REINGESTION)

Lorsque la vitesse de roulage de 1'avion diminue, on observe d'une fagon générale une augmentation de
la température d'entrée du réacteur due 3 1'absorption par le moteur de gaz chauds provenant de 1'&cou-
lement dévié. La vitesse 3 laquelle apparaft ce phénoméne dépend des conditions d'avionnage et de 1'or-
ganisation de 1'inverseur. La répercussion de cette &lévation de température sur l'effort de décéléra-
tion dépend de la régulation du moteur. Pour illus.rer l'importance de ce phénoméne, nous présentons,

3 titre indicatif, planche 12, 1'évolution des performances d'un inverseur 3 M = 0,30 en fonction de
1'élévation moyenne de la température entrée-moteur pour deux hypothéses de fofctionnement. Dans cette
étude nous avons considéré que la géométrie du systéme d'éjection était figée (section primaire cons-
tante).

Sur la figure | est tracé le rapport des poussées brutes.
Sur la figure 2 est donné le rapport des trainées de captation.

Sur la figure 3 nous présentons le rapport des poussées nettes en inversion, c'est-a-dire des efforts
de décélération.

Sur ces figures, las courbes "a" correspondent & la performance d'un inverseur non influencé par Tl et
les courbes "b' aux performances d'un réacteur en inversion d régime constant. La zone hachurée repré-
sente la perte d'effort de freinage due au phénoméne de réingestion. On peut voir en particulier que,
pour une &lévation de température de 50°, l'effort de freinage sera réduit de 1/3.

Lors de 1'étude des inverseurs on doit chercher & réduire cet effet. L'utilisation d'inverseurs a gril-
les permettant d'obtenir une direction dans deux plans de nappes de gaz inversés permet, lors des
essais sur avion du dispositif d'inversion de poussée, de diriger ces nappes de fagon 3 minimiser
1'effet de réingestion et d'abaisser la vitesse 3 partir de laquelle apparaissent les phénoménes. Les
phénom8nes de réingestion sont régis & la fois par 1'écoulement dévié et 1'écoulement autour de l'avion
en présence du sol. Les conditions d'installation jouent donc un grand rdle et si ce phénoméne peut
€tre dégrossi en soufflerie 3 1'aide d'une maquette représentant 1'avion complet, la géométrie de 1'in-
verseur ne peut &tre finalisée que sur l'avion. On peut remarquer en particulier que des inverseurs
donnant des taux d'inversion de poussée plus modestes, mais &vitant les phénoménes de réingestion,sont
susceptibles de donner sur avion un effort de freinage supérieur a des inverseurs plus performants

mais mal étudiés du point de vue réingestion.

L'introduction dans la régulation du moteur de la température d'entrée T| est également susceptible de
réduire le déficit de poussée.

OPTIMISATION DE LA CONFIGURATION D'INVERSION EN FONCTION DES CONDITIONS DE VOL

De plus en plus les inverseurs sont utilisés en vol pour décélérer les avions et obtenir des vitesses
de descente &levées. L'étude présentée ici a été faite pour trois valeurs du Mach de vol :

Mo =0 correspondant au point fixe

Mo = 0.3 correspondant sensiblement a l'atterrissage

-

Mo = 0,9 correspondant & une utilisation en vol comme aérofrein.

Les essais en soufflerie nous ont donné pour chacun des Mach de vol considérés les coefficients de pous-
sée de 1l'inverseur compte-tenu des problémes d'interaction, ceci pour diverses valeurs de la section de
la tuyére primaire.

On doit toutefois remarquer que, lors de ces essais, seule était représentée sur la maquette la nacelle
moteur.

Sur la planche 13 nous avons fait figurer les valeurs de la poussée brute en inversion de poussée pour
trois valeurs de A, rapportées & la valeur de cette poussée obtenue pour la section minimale de la
tuyére primaire. Ol peut voir que 1'influence de A, est d'autant plus faible que le Mach est élevé,
ceci s'expliquant par le fait que le terme trafnéel’de culot devient de plus en plus important dans le
bilan.

Si 1'on considére l'effort de freinage en vol, il est la somme de la trainée de captation et de la
contre~poussée brute :

xNR - EB ~ wca t vo

Po Py o
P. é i ft.

On note que, a J/po donné, XR/po décroit quand Aj croit. Le terme wcapt/po par contre crofit avec Aj.
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Le second terme de la poussée XNR prenlnt d'autant plus d'importance que le Mach de vol est élevé
alors que 1'influence de A, sur X§ s'amenui.e, il en résulte que la configuraticn de vol jouera un
rdle important dans l'optimisation de 1'inverseur. D'autre part, pour un Aj et un taux de détente

donnés, si :
'H"!'
pn
W /T w /T, /T
est fixe, il n'en est pas de méme de : SNpt S .. b! o
L L / Tj

qui dépend de la valeur de T, /T , donc du cycle du moteur. Ceci met en évidence que 1'étude de la
configuration optimum d'un in etieur en vol dépend du réacteur auquel est destiné cet inverseur. La
planche 14 illustre les remarques présentées ci-dessus. Le calcul a &té effectué 2 partir des éléments
de la planche 13 pour un réacteur mono flux 3 haut taux de compression. Il pourrait &tre modifié pour
des réacteurs double flux & fort taux de dilution.

Cette planche montre que si la configuration d'inversion de poussée optimale au point fixe correspond
a la section mxnxmale. a M = 0,9, 1'effort de freinage est pratiquement indépendant de la section de
la tuyére primaire.

Le retassement important des courbes visible 2 M = 0,3 suggére que, pour certains moteurs, l'optimisa-
tion de la conflguratlon d'inversion de poussée, dans les conditions d'atterrissage, pourrait étre dif-
férente de celle au point fixe.

CONCLUSIONS

L'étude présentée ici pour deux types particuliers d' inverseurs, ne trouve sa généralisation que sur
la philosophie de conceptlon et d' expérxmentatxon des inverseurs. Le fait que l'rifort de frelnage dd
2 ces dispositifs est imputable 3 deux mécanismes différents, au point fixe et en vol, que les inter-
actions des écoulements interne et externe dépendent de l'organisation méme des systémes et que les
conditions d'installation réagissent aussi bien sur les phénoménes de réingestion que sur les phénomé-
nes d'interaction visqueuse con-luit 3 penser que, seuls, des essais avec écoulement externe sur des
maquettes les plus représentatives possibles, pourront permettre d'approcher la solution optimale qui,
en tout état de cause, ne sera finalisée qu'aprés essais sur avion.

Toutefois, les considérations présentées ici permettent, lors de 1'étude des dispositifs, de les orga-
niser en vue de bénéficier au maximum des phénoménes d'interaction.

MR
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REVERSE THRUST CE ON THE C

A.C. Willmer, Group Leader, Powerplant Aerodynamics
and
R.L. Scotland, Group Isader, Stability and Control

Eritish Aircraft Corporation Limited

Commercial Aircraft Division
Filton

SUMMARY

Reverse thrust is used az a means of deceleration on many aircraft. Practical limitations
to its use are set by the following airframe/propulsion interference effects :-

- hot gas ingestion

- aircraft handling

The reverse thrust force may also differ from that measured on a test bed due to interference.
Model tests to determine these interference effects for the Concorde aircraft have been

carried out. This paper describes the several test techniques used and compares the model results
with those inferred from tests on the prototype and production aircraft.

NOTATION
CD Drag Coefficient
CL Lift Coefficient
Gm Pitching Moment Coefficient
d Effective diameter of reverser exit on the nacelle underside
h Beight of lower reverser exit above ground

N2grp  Reduced H.P. spool spe:d N2 2688.1
NZDJ L

PJ Jet pipe total pressure
P! Effective total pressure at reverser exit
P Atmospheric static pressure

Qy Reverser dynamic head = P ' - Po

J
Freestream dynamic head = 3 @ s

%

S Wing area

T.I Freestrean total temperature

v Freestream Velocity

2 Relative Velocity = J’q‘a ¥
Y

A Aircraft Weight

K

Distance along the nacelle axis measured furward from the reverser
VYalue of X at the auxiliary inlet

Net reverse thrust

Alircraft incidence

Longitudinal acceleration

Vertical jet deflection measured downwards from the nacelle axis

Ny O ) Q2N

Coefficient of rolling friction

P
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? Alr density

d> Horisontal jet deflection measured from the nacelle axis.
Positive direction is away from the fuselage

AP = PJ-PJ'

AXy = XRaircrart = Bpodel

1. INTRODUCTION

Thrust reversers are used on a large number of aircraft to provide a means of rapld deceleratiom.
In practice the use of reversers is limited by powerplant/airframe interactions which are apparent
as

- re-ingestion of exhaust gas at certain conditions
- modification of reverse thrust forces measured on an engine test bed
- modification of aircraft handling

Attempts have been made to simulate these interference effects for Concorde on a variety of
models.

2. REVERSER CONFIGURATION
Two types of reverse thrust configuration have been tested on Concorde.

The prototype aircraft were fitted with Type

10 nozsles (fig. 1) which have reverse thrust

buckets just downstream of the primary nozsles.

These deflect the exhaust flow through cascades
TR which control the efflux direction.

The normal configuration was designed to
give vertical deflection @ = 47° and a lateral
deflection @ = +10° (outboard) and =100 (in-
board). Two other configurations were
tested for special purposes. In these the
vertical deflection was essentially unchanged
but the lateral deflection on the nacelle

lower surfaces was made +20° (outboard and
i —-T S inboard) for configuration 2 and +10°
: (outboard), +20° (inboard) for configuration 3.

Production aircraft are fitted with
Supersonic Cruise Type 28 nozzles (fig. 2). This design has une
set of moveable parts which combine the
functions of the reverser buckets and secondary
nozzle petals. The bucket deflection is 0
for supersonic cruise, 20° for subsonic
conditions and 73° for reverse thrust. This
angle is mesasured from the outside surface of
the bucket to the nacelle datum and the angle
of lexg inner surface in the reverse position
is .

_PQ\\\\\\\\\\\\

—ba””””””

Reverse Thrust

Fig. 1. Type 10 nozzle sketch
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Supersonic Cruise —

Reverse Thrust

Fig. 2. Type 28 nozzle sketch
3. REVERSE THRUST RE-INGESTION
Model tests have been done using
- a half aircraft model with cold flow tested in the Filton No. U tunnel

- a half aircraft model with hot flow tested in the Rolls Royoe re-ingestion tunnel
(RJ3) at Patchway

- a full aircraft model with hot flow suspended from the NGTE 136 research vehicle
and tested on the runway at Farmborough.

3.1 Cold flow half model

Fig. ] shows the

11-3

general arrangement of
model G.16. This is a
1/18th scale half model
of the production
Concorde with T.28
nozzles, It is mounted on
a short ground board to
reduce the effects of
ground board boundary
layer. The calculated
&/h at the intake plane
is 0.212,

Alr is supplied
independently to the two
nozsles represented from
a high pressure air
supply. These nozzles
have correct scale
representations of the
primary nozzles and the
bucket internal surfaces.

High pressu.re air
is supplied to Jet pumps
which induce an
appropriate flow through
the model intakes. The Fig. 3. General arrangement of model G.16
intakes include rep-
resentation of the
auxiliary inlets on the
nacelle lower surface.

The upper wing surface is distorted to allow the airlines to be carried between the nacelle
and fuselage.

The forward extent of the jet efflux was determined by observing the mist produced by spraying
a small amount of water into the jJet pipes through atomising nozzles. Illumination came from a
vertical slit of light projected from well upstream of the model. This slit could be set to
4lluminate the centre line of either intake. Typical pictures are shown in fig. h. The entry of
exhaust air into the intak® «us aiso determined by wetness indicators inside the intake.

For a typical test run, the required intake flows and jet pressure ratios were set up with
the tunnel air speed at its maximum value (142 Kt). The tunnel speed was then reduced in stages.

=
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Additional information on the flow
patterns was obtained by oil flow tests on
the ground plate, using dry Jet air. A
typical example is shown in fig. S.

Re-ingestion spseds agree well
whether defined by the wetness
indicators or by the mist and oll flow
pictures showing the efflux reaching ths
rear 1lip of the auxiliary inlet (fig. 6).

3.2 Hot flow half model

This model is at 1/15 scale. It was
mounted using the floor of the open circuit
tunnel to represent the ground. The
boundary layer immersion is not very
different to G.16, the calculated §/h
being 0.230.

The intake and airframe
representation is similar to that
described above for G.16. The nozzles,
however were represented by two
cascades exhausting from a plenum
chamber at the rear of the nacelle
(fig. 7). This arrangement allowed a
range of vertical and lateral deflection
angles to be tested. Exhaust flow from
the top of the nacelle was not
represented.

-

b s -

Fig. 7. Exhaust plenum chamber
on Rolls Royce hot model

2.4
2 21
20

.2

\.O
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© Mist patterm

4+ Ground pattern
A WetnnsesdS Sensov

ol

4

vV (ersd

-~ _— v
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Fig. 6. Model G.16 re-ingestion boundary.
Auxiliary inlet open

High pressure air at L00°C was supplied to
the plenum chamber from a single O
combustion can. A rapid acting valve enabled
the hot air to be exhausted to atmosphere when
not required for the modsl, thus avoiding
heat soak on the model.

Intake air temperature was observed by a
rakes of eight rapid response thermocouples in
each intake at the engine face position.

The jet total pressure was defined by L
static pressures in the plemum chamber. A
baffle plate destroyed the entry velocity
(fig. 7) and close agreement between the
static pressures was obtained.

S

The intake temperatures and tunnel speed
were recarded on ultra violet film, and at a
fixed intake and nozzle flow condition the
tunnel speed was reduced from its maximum (58 kt)
until re-ingestion occurred. This point was
defined by a rise of temperature for one or
more thermocouples.
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Results for
different cascade designs
are shown in rig. 6.
This shows the data in 06 -
the relative welocity

form used in ref, 1,
vhere VR = qg and ]
Qg = P’ - Eo- Fhe ©-5

value of h/d is in fact
constant for all these
tests at 2,87 and x /h 0-4 1
for the auxiliary inlet
politim is 3.&0 The
scatter from uwp to 8 0.5 .
noszle pressure ratios
at each geometry is

indicated by the 02
vertical lines.

_/Hr:r' outer
¢b= _ 10° inner

(prototyee)

The effect of

lateral deflection is Ol ;
seen to be almost linear o
for 730 and 659 | e
vertical deflection. o v — - v
However, with the jets

swept further faorward 45 55 65 75
to © = 45° the effect

of lateral deflection

is much -oubdrmtic. Fig. 8. Re-ingestion boundaries from the Rolls Royce hot model.
This presumably occurs Auwrdiliary inlets n
because the jet ope
stagnation point on the

moves closer to the position of the wing leading edge for a given # at low values of © and
the jet "escapes" from under the wing more readily.

3.3 NGTE Vehicle mounted model

This is a 1/15 scale complete aircraft model which is suspended from an A frame outrigger
mounted from the NGTE 136 high speed research vehicle (fig. 9). The model is supported at scale
height above the ground, but the undercarriage is not represented for mechanical reasons.

i — : .H.-.p-ﬂ-n : .
- - — o - T e S e

sl e % e . = - <ol I e+ iy
2 ; s T . . i A -:;.- Lk o Y
B < P TR Y AL L i e i A

The vehicle, diessl powered at low speseds, is propelled for high speed testing by an Avon
Mk. 204 jet engine, which also provides compressor bleed air to the model. This air is used both
to induce the intake flow and also as the exhaust gas. For this use it is further heated to 530°C
by combustion in a Dart combustion chamber mounted in the model fuselage and is exhausted through
scale repressntations of the T.28 nozzle on the port side of the model. The starboard nacelle

has no exhaust flow.

Re-ingestion is detected by thermocouples in the port intakes, the temperatures together with
vehicle speed and jet pressure and temperature being recorded on a UV recorder.
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The model combustion chamber is 1it whilst the vehicle is stationary and the Avon engine
speud 18 set to give the required model pressure ratio and left at that setting. Then the vehicle
propulsion nozzles are sst to the "full shead" position and the vehicle acocelerated to a spwed about
15 kt above the expected re-ingestion speed. The propulsion nozzles are then moved to the
reverse configuration prodicing a deceleration of about 2 to 3 kt/sec. until re-ingestion is
obtained.

Maximum speeds used were about 90 kt which was set by the length of the Farnborough runway
and brakes-only stopping distance. Heat gemsration at the outboard supporting wheel also rave rise
to concern, but in principal higher speeds are achievable.

The advantages of this type of test are that

- there are no tunnel interference effects
- no turmel limitations on gas temperature
- no ground boundary layer :
- accurate mechanical ground speed measurement |

Disadvantages are
- reliance on weather conditions |

- difficulty in controlling model height above the ground during tests. Repeat runs
are necessary to reduce this effect.

Tests have been carried out with varying model height as well as for a range of Jet pressure
ratios. The results are included in fig. 11.

3.4 Comparison of model tests for T.28 Nozzle i

When comparing results from models with scale nozzle representation (G.16 and NGTE model)
with results from a plenum chamber model (hot half model) care must be taken over the interpretation
of the measured jet pressures. Considerable turning losses occur between the jet pipe and the
point at which the flow leaves the reverser, and these are not represented on a plenum chamber model. ,

It has been
possible to determine
these turming losses for

the T.28 by two means. P

Firstly force tests were -0 e el

available on a scale P -F |
isolated noszle with cold 25 ° |
flow. The efflux flow o8 |

angles were also

determined on this model

using oil flow vis=- o6 i
ualisation on plates ©

nounted well clear of
the model. By

comparing the measured o4 )

force with the flow 10) Reinaesdt\orﬁ tessts
direction and jet pipe

pressure it is possible 02 1 + For-e tests

to estimate the turning
loss (fig. 10).

n L= 3
Secondly it can be =X

postulated thet the re- v v v v v v v -
ingestion resulis from a ] p .
model such as G.16 should lo 12 14 16 118 20 22 24 26 28 20
collapse to a unique value

of Vg where q; is defined

on an effective exit Fig. 10
pressure. By trial and B2
error a set of losses was produced which allowed the mean line of fig., 6 to be represented in this
way. These are also shown in fig. 10 and are in very good agreement with those derived from the
force measurements.

Reverser pressure losses on Type 28 nozzle

Using these turning losses for the G.16 and NGTE results, the position of the efflux front
is given in fig. 11,

This figure includes G.16 mist photograph results for tests with equal pressure ratios for
immer and cuter nozzles and also results for non-equal pressures. For these cases a mean value of
qg was used. The diameter of d; was calculated from the sum of both nozzle exit areas.
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Fig. 11. Reverse efflux front position for type 28 nozzle

The two hot models give results at re~ingestion only (jet efflux at the awdliary inlet
station). The NGTE results however include variation of the model height h,

The collapse of the data is surprisingly good. Disrupting influences might be expected due
to the variation of efflux angle with pressure ratio referred to previously and also due to changes
in effective exit area with pressure ratio. G.16 tests also showed that the flow is unsteady.

For a given value of X /h the appropriate Vg h/d is distinctly higher than that predicted for
the nominal configuration (# = 0,0 = 250) from the data of ref. 2 for jets without airframe inter-
ference. The logrithmic plot also illustrates the abrupt change in power law at Vg h/d £ 0.57
which seems to apply to all tests except that with blowing on one nozzle only. The areas of
efflux on the ground for various Vy h/d are approximately shown on fig. 12, derived from the G.16
0il flow photographs. These do not show anything significant occurring at the critical VR h/d.
The effect camnot be the onset of interference between the two sides of the aircraft since the
NGTE model, which has no exhaust on one side, shows the same trend as the half models.

A possible explanation is that as the efflux front advances, the induced upwash ahead of it
causes a vortex to spring from the wing leading edge. This vortex induces a forward velocity
component beneath the wing thus reducing the local value of qg.



The three models show some
differences in msan level. The highest
value of Vg h/d is returned by the Rolle
Royce half hot model and the lowest by
the NOTE vehicle rig. This difference
is in the expected direction since the
NGTE model has no spurious boundary layer
effects and only has exhaust flow on one
side of the model. The difference
between the Rolls Royce model and G.16
is much larger than would be estimated by
camparing simple calculations of mean
"free stream" momentum between the ground
and the wing for the two models.

3.5 Prototype Aircraft Re-ults

Fig. 13 shows the re-ingestion data
gathered from prototype aircraft in the
datum configuration (# = 47°, 0 = +109)
presented in terms of jet pipe pressure
ratio and forward speed.

As speed is reduced at a given
pressure ratio, slight rough running
(oscillations noted on the trace of
engine HP compressor delivery pressure
P3} is first encountered.
compressor face.

It was stated previcusly that the flow situation during reverse is unsteady.
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Fig. 12.
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Fig. 13. Prototype re-ingestion measurements.

Datum configuration

e~

Model G.16 ground flow
patterns

Some 15 kt below this a rise in temperature can be measured at the
This seems to be related to the incidence of compressor surge.

This unsteadiness
propagated forward of the
reverse efflux is the
probable explanation of the
rough running seen before
hot gas enters the intake.

The only model tests
which can be compared with
the prototype aircraft are
those on the Rolls Royce
half model. These have to
be slightly adjusted for
the difference in nozzle -
intake length between
prototype and production
aircraft and this was done
using the power law derived
from fig. 11, No reliable
turning loss information
is available for the T.10
nozzle and so that for T.28
(fig. 10) has been used to
give the model line shown
on fig. 13. This is about
10 kt worse thun the
aircraft speed for
temperature rise over most
of the pressure ratio
range.

The second configuration tested on the prototype 001 had lateral deflection of +20° on both

inboard and outboard nozzles.
cascades.

This re-design entailed a L.L% reduction in exit area for the lower
The model data from fig. 8 interpreted at the reduced exit area would indicate a 3-6 kt

improvement from the datum configuration but the aircraft shows an improvement of 10-16 kt (fig. 1L).

Some of the taxi tests used to evaluate this configuration (tests were done in both directions

along the runway) had a 12 kt crosswind component.
band but not to alter the ingestion speed.

This seems to increase the rough running speed
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Fig. 15. Prototype re-ingestion measurements

Configuration 3

k. REVERSE THRUST FORCES

k.1  Model Tests

The third config-
uration tested on the
prototype 001 had
lateral deflections of
+100 outboard and +200
inboard with an area
increase of 2.8% relative
to the datum. This
configuration was not
tested on the model, but
if it is considered to
be equivalent to a +15°
+150 configuration the
model indicates a 4-9
kt deterioration relative
to the datum. The
aircraft results show no
change from the datum
(rig. 15).

3.6 production Aircraft
Results

Fig. 16 shows re-
ingestion measurements
together with estimates
derived from the three
models.

Only rough running
and surge points are
shown here. Temperature
measuremsnts have been
made for about half the
cases shown, and these
indicated that the
temperature rise is co-
incident with the onset
of roughness. This is
different to the proto-
type situation and is
not fully explained by
the faster response of
the temperature probes
used on the production
aircraft,

All three models
predict re-ingestion at
lower speeds than those
observed on the aircraft.
This again is contrary
to prototype experience.

It is worth noting
that on many occasions
aircraft have operated
to the left of the surge
band of fig. 16 without
experiencing surge. The
surges experienced have
been mild, they have not
always been noticed by
the crews, and have never
led to engine flame-out.

The tests used by SNECMA to synthesise a reverse thrust performance brochure consisted of

models at 1/20 scale of a single nozzle.

This was sting mounted and included no wing representation.

Tests covered a range of speeds to cover the in-flight reverse cases as well as ground-borne cases.

At zero forward speed, data from full scale engine test bed trials was used.
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Raverse Thrust

Tests have been
carried out on the pre-
production aireraft 02
in which the deceleration
of the aircraft was
measured under the in-
fluence of reverse thrust,
but with no wheel braking
applied. These tasts
covered a range of
aircraft speeds and power
settings and were conduc~
ted both as accelerate-
stop tests and in the
course of normal
landings. Deceleration
was measured at the
aircraft ivertial plat-
form. These tests were
analysed by Aerospatiale
to obtain the reverse
thrust force per engine.
The assumptions made in
this analysis are 3~

14
O 2 40 ¢ €0 ko 120 W0 - Aerodynamic 1ift and
drag are unmodified
by reverse thrust.
The values used are
given by tunnel tests
with a ground board

Fig. 16. Production re-ingestion measurements

with corrections to full scale Reynolds number

- The coefficient of rolling friction is constant with speed. The value used was obtained
from taxi tests with engines at forward idle. By comparing accelerations with four
engines operating with those obtained with two engines operating and two engines cut,
the weight and speed being the same for both tests, the thrust of an engine at forward
idle may be deduced. This value may then be used, with the aerodynamic data described
above and the measured accelerations, to calculate a value for the coefficient of
rolling friction. This calculation gave A/ = 0.016 at a speed of 35 kt.

The influence coefficients shown in table 1 indicate that the errors introduced into the
determination of reverse thrust by these assumptions is not as serious at might he imagined. The
main sources of error probably lie in the measurement of weight and acceleration.

The data obtalned from these tests are presented in fig. 17.

TABLE 1
Effect of errors on reverse thrust determination
Ve % kt
N, Std. ] 7l 80 85
dXw . Cp
S e ~0.28 =0.17 =0.1Y4
>x<w | M -
———a/“ o 0.55 =0.34 «0,23
oxXg, X o " .
__D_UE o 2.27 1.88 1.61
e "o -2.84 -2,22 -1,83
xR .M. =0.72 -0.52 | =0.lLk
>V >Xr

A strong interference effect is

seen which drops the thrust by 30% relative to prediction over the range of Vg h/d tested.

Little is nown of the flow conditions which give rise to this thrust loss at low Vg h/d. It
was noted during G.16 tosts that the efflux leaving the reverser was swept further aft when the ground

board was present than in free air conditions.

The angle @ was measured at zero forward speed and

Py/Po = 2.1 using an oil flow visualisation technique and was found to be 32° in free air and 14°

with the ground board.
in the reverser.
to be unaltered.

This would represent a thrust loss of 27% assuming constant turning losses
A 1ift force of 12% of free air Xg is also implied if the upper efflux is assumed

This 1ift force represents the effect on the aircraft of the pressure fi:1d
generated beneath it by the reverse efflux and the loss in thrust represents the efflux momentum
which gensrates this pressure field.
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Airborne Reverse

Thrust

T v Y p———
Airborne reverse

thrust performance has

been tested on pre-

production aireraft 02.

In these tests reverse

thrust at idle setting

1 was used on two engines,

the other two being at

This

r configuration resulted in

descent rates of up to

o / *’n_T_n ' T v
%’d;"' T x
(] & =
- g o/
v

=)
&
o

6,000 ft/min at constant
calibrated air speed.

The tests covered a speed
ranze of 250 = 350 kt

CAS at altitudes between
9,000 ft and 32,000 ft.

Reverse thrust
force was deduced from

[
Vr 2L
the measured flight path

—

(He)

r v v v v

0% 06 071 o088 09

Fig. 17.

Measured ground-borne reverse

v g ]

N M assuming that the 1ift
P P R P O - A =

and drag characteristics
were unaffected by
reverse thrust. [Lift and
drag data had previously
been established by
flight test= on this
aircraft.

thrust on aircraft C2

20

Fig. 18 shows the results obtained.
At low values of Cp the force is about 12%
greater than predicted from isolated model
tests. This agrees with the ground borne
tests at high VR h/d which are for an
incidence of 2°, As (], increases there
is a 7% loss of thrus. over the range
considered.

5.  EFFECTS ON HANDLING OF IN-FLIGHT REVERSE

5.1 Prototype Model Tests

Wind tunnel tests were made on a 1/18th
scale model with simulation of the reverser
nozzle efflux by blowing through tubes
introduced through the rear of the nacelles
but not connected to the model (Fig. 19).
The reversers, as Type 10,were represented
by a plenum and cascade. The nacelles
being blocked, there was no representation

o2 o

of the appropriate flow at the intake, but
these effects were available from
complimentary tests.

o4

Fig. 18. Measured airborne reverse thrust

In this fashion six component
measurements were made of the inter-
ference effects of the use of thrust
reverse at various mass flow conditions,
for various combinations of engines in
forward or reverse configuration.

It is seen (Fig. 20) that there :is
a progressive loss of 1ift with
increasing dymarmic head of the reverse
efflux, proportionately stronger at
lower pressure, and slightly more
significant at higher incidence. The
effects are somewhat smaller with the
outer engines reversed as compared with
inners reversed.

The effect on pitching moment

(Fiz. 21) is seen to be very marked in the

WPIPFIPIFIT I ITIIT I LTI IS TIFIFS
TUNMEL ROOF

Fig. 19.

Prototype model testing
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pitch-up sense, particularly at high Cr, and these effects too are proportionately stronger at low
reverse efflux pressure. Again the effects for the outer engines in reverse are somewhat smaller
than thoss for the inners in reverse.

These results, indicated that reverse should be restricted to speeds above 220 knots
(Cr*0.4), and idling engines only (qJ/qovb 1.5)e

CAL Cﬂl
o8 oo
- 7, 9 002 o & °
05 02 + 7]
/ Yo, A 267
@ 9 \‘ _,r,-/ -
A 267 SN + 8wz
- 0-01 I
04 o 525 x 10-68
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x 10:68
ol o \
' oz sy
a . i L J - -CO1 k-
o 5 1o 5 20 ol
Fig. 20. Prototype model tests. Effect of Fig. 21. Prototype model tests. Effect of
inner engines in reverse on lift coefficient inner engines in reverse on pitching moment

5.2 Production Model Tests

With the introduction of the Type 28 nozzles with the reverse efflux further aft on the wing,
it was hoped that the interference effects on pitching moment would be significantly reduced.

Wind tunnel tests were again

made on a 1/18th scale model, but by —

using a hollow strut, with an air .

bearing device at the model mounting, %

the constraints of the air delivery N— =
tubes used in prototype tests were 7‘ [

avoided. Air was carried through the Rl /

model to inducers in the nacelles sArrLE

(Fig. 22) which with suitable baffling
allowed a simulation of the intake
and exhaust flow conditions. Pressure
surveys of the efflux in wind-off
conditions showed that the efflux
shape and the turning angle of the
reversers were being adequately '
represented.

The results are presented
wio:fh the actual reverse thrust
tribut. t
:nlyrthr i::e:ffrt:::eugf;‘:zgat::e Fig. 22. Production model nacelle
shown, as for the prototype results.

The effects on 1ift (Fig. 23) are very small, and the effects on pitching moment (Fig. 2L)
are considerably reduced compared to those of the prototype. Results with the outers in reverse
are similar to those presented for the inners. There is no sign of any pitch-up effects at high
CL; only an increment in pitching moment, largely invariant with Cp, but proportional to the dynamic
head of the reverse efflux. It must be noted however that the maximum dynamic head tested was less
than half that tested on the prototype.

AT . X I S bl I R

Rt &8
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Fig. 23. Production model tests. Effect Fig. 24. Production model tests. Effect of

of inner engines in reverse on 1lift coeffi:ient inner engines in reverse cn pitching mement
5.3 Comparison with Flight Results

The change of trim due to selection of reverse thrust on the aircraft has been compared with
estimates made using the tunnel results. The estimates include the actual thrust contributicns
as well as the interference effects, and also take account of the reduced control effectiveness due
to reverse (this can be as much as 15% for the reverse efflux pressures used in flight). The tuim
changes are the difference between the forward idle thrust condition prior to selection and the
steady state following the pushover to the new descent flight path angle after selection of reverse.

It is seen (Fig. 25) that the prototype flight measured changes in trim are much smaller
than the estimates; negligible change at lower speeds and perhaps 50% of estimated at higher speeds.

Comparison of flight results from pre-series aircraft 02 (substantially the production
configuration) with estimates using production model results shows a more reasonable agreement
(Fig. 26).

Some of the discrepancy of the prototype results may be explained by aeroelasticity, since
there is a significant loading change on the aft part of the wing which will induce a twist at the
tip giving a nose down pitching moment, suc’i an effect will be considerably less on the production
type aircraft.

[ CHANGE OF TRIM o WNERS NTO
(PEGREES ELEVON) REVERSE

2Fr
Ear'”-ﬂ‘l‘t

e \\\——_._

————
& a°
o} 2 s e -
- .
AIRSPEED (KNOTS C.AS)
200 250 300 350

Fig. 25. Protot e flight test results
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Fig. 26. Production aircraft flight test results

CONCLUSIONS

Re-ingestion flows can be simulated with hot or cold flows. Ths results may be scaled
provided reverser turning losses are allowed for.

Apnlication of model re-ingestion tests at full scale may be difficult since induced flow
effects ' ¢ the intake can be important.

.nterference effects can reduce the ground borne reverse thrust force by 30%.

Stability effects of airborne reverse thrust can be represented in model tests, but application
at full scale requires imowledge or the control power and aeroelastic effects of reverse application.
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REYNOLDS NUMBER EFFECTS ON FORE- AND AFTBODY PRESSURE DRAG

Felix Aulehla and Geert Besigk
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Unternehmensbereich Flugzeuge
D 8 Mtnchen 80
Postfach 801160
Germany

SUMMARY

Recent aftbody drag results obtained from different transonic wind tunnel measurements showed
such large increases in aftbody pressure drag with increasing Reynolds number that extrapolation to full
scale became questionable. The present paper tries to clarify this unexpected Reynolds number effect
and also contributes to an imprcved testing technique,

An analysis of a wind tunnel investigation at Mach number 0, 8 on a series of axisymmetric
bodies showed as main result that varying Reynolds number produces opposite changes in pressure drag
on fore - and aftbody, respectively. It is explained that this result could very well be caused by wind
tunnel interference. As a consequence, to determine aftbody drag correctly it will be required either to
test in interference free wind tunnels or to take into account the compensating effects on the forebody.

Furthermore, it is pointed out that modifications in aftbody geometry affect forebody drag.
Results from the commonly used aftbody test rigs with forebodies fixed to the ground therefore need
appropriate corrections.

Finally, the sensitivity of drag components with respect to the location of split iines is discussed,

It is shown that subdividing the boattail is not advisable from an accuracy point of view.

LIST OF SYMBOLS

A Cross-section of body Mo Free stream Mach number
Amax Maximum cross-section of body PO Free stream static pressure
CD Drag coefficient, referred to PT. Jet total pregsure
maximum body cross-section area, .
D/qumax q, Free stream dynamic pressure,
0,5p oVo
CD Friction drag coefficient
F R Radius of body
CD Pressure drag coeificient Re Reynolds No., based on length of
P R body; Re1 = lowest, Re3 = highest
d
Ci) @n/A ) ‘r CdeR value teste
P max’ Rr=0 s Wetted surface
CD Total drag coefficient, CD + CD VO Free stream velocity
T P F
CD CD of profile with zero thickness
T 0% T
CP Pressure coefficient, (P - Po)/qo
EP Mean value of CP over 0 «<x/L <1,0 SUBSCRIPTS AND ABBREVIATIONS
AcC Difference in C_ relative to inter- AB Aftbody
L mediate Reynolgs number Re
2’ FB Forebody
CP Re ~ CP Re
o 2 w/T Wind tunnel
ACP Mean value of ACP over 0 «x/L <1,0
Drag
abp Drag difference
F Measured gross thrust
L Ideal length of body (beyond sting

iatersection, to R = 0
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1. INTRODUCTION

The correlation of wind tunnel results obtained from small scale models with full scale flight
measurements is an old problem in drag determination since the real flight Reynolds numbers can be
very seldom achieved. In the past, therefore, one attempted to build models as big as possible and also
to cover large Reynolds number ranges, This led to the construction of huge wind tunnels and, for the
high densities and Reynolds numbers respectively, to enormous installed power levels. In order to raise
the accuracy of measurement, one also tried to weigh only a minimum of wetted surfaces when making
force measurements, i.e. it was attempted not to weigh the complete model but only a part of it. When
measuring aftbody drag, therefore, the forebody and also the wing and tailplanes were fixed to the ground.

The Reynolds number investigations which were conducted in these facilities (wind tunnel plus
test rig) did not always lead to the hoped for clarification of the Reynolds number influence. On the
contrary, some of these measurements produced such unexpected results that fundamental doubts arouse
about their validity, This paper attempts to clarify some of these dubious Reynolds number effects and
also to illustrate basic interrelations, thereby contributing to a better drag synthesis as well as to an
improved testing technique,

2. UNEXPECTED REYNOLDS NUMBER INFLUENCE

0,04 —
PRESSURE <@ %
y 4 = G(OTTINGEN

+
FRICTION 7 +—0) 5

e ~ AEDC

0,03

AEDC

—& Re

Fig. 1 Reynolds number effect on aftbody drag

Aftbody drag levels recently measured with different models in different tunnels showed an
increase in aftbody pressure drag with increasing Reynolds number (fig.1). Adding friction reduces
this increase but does not eliminate it. However, a decreasing tendency had been expected similar to
the fully turbulent flat plate or similar to profile drags for slender airfoils (compare e.g. profile drag
values computed by Squire and Young, ref. 1 ). The rapid rise of aftbody drag with Reynolds number
makes it questionable whether these data can be extrapolated to full scale. Even when, as widely
practised, one uses only differences in drag from wind tunnel measurements, the problem regarding
the drag difference between aftbody No. ! and No, 3 remains essentially the same, because curves | and
3 are not parallel to each other,



12-3

Curve 6 also results from an
6 0,6 3 axisym. body 6 AFFDL test in the same AEDC transonic
wind tunnel. Here, a single jet model with
a cylindrical midbody was used.

Fig.2 Model Configurations

Curves 4 and 5 have been obtained with two wind tunnel models of the F-106 with underwing
installed J-85 nacelles in the 8 ft. x 6 ft. supersonic wind tunnel of NASA Lewis (ref, 5). It will be
explained later that negative aftbody drags may very well be found, depending e. g. on the start of the
pressure integration (curve 5).

The variation of Reynolds number was achieved in these investigations by altering the density,
except with the NASA tests in which two modelse of different sizes were used: the smaller model had a
scale of 0,05, the larger model, which was a half model, a scale of 0,22, The method of drag
determination was not identical: in the Gottingen tests, the total drag (pressure + friction) of the com-
plete, i.e. undivided fuselage was weighed by an internal strain gauge balance. The longitudinal pressure
distribution was also measured in one row on the upper side of the body. Several pressure tappings at
corresponding locations on the lower side were used as an additional check of the incidence being zero.
In the AEDC tests, curve 2, only the twin jet aftbody was attached to the balance, leaving forebody and
tailplanes fixed to the ground, whereas curve 6 was obtained from a mere pressure plotting.

3. TAKING INTO ACCOUNT THE FOREBODY

These unexpected test results

led to the question of whether taking ‘ 0 0,05 0,0 0,15 0,20
into consideration the complete body 12
(fore- plus aftbody) might not bring } [

back the familiar drag picture, i.e.
whether or not the Reynolds number 10— -CDFB HCDAE
could have opposite effects on fore- ]03.(:0 Va ===
and aftbody. To illustrate the basic P AB
interrelations between pressure drag
of the fore- and aftbody, the simple g ia

case of inviscid flow past an ellipsoid *

of revolution is considered. Fig. 3 EIE.:'IJI?IFIIFGNGF
shows that with increasing relative [

120
thickness, the separating forces in the /
maximum cross section can attair large /!

it

values. These separating forces result f

from pressure integration on fore- and / 80
aftbody respectively (half body, not

closed). In the assessment of aftbody /

drag, however, mostly test rigs are 2
used which weigh only the aftbody

leaving the forebody fixed to the / /
ground (fig.23, ref. 7). 0 —// .

0 04 08 1,2

It will now be shown that this
testing technique may only be used if —» REL. THICKNESS b/a ?
appropriate corrections are applied. SPHERE

Furthermore, to explain the pheno-
menon of the Reynolds number effects
and to investigate the feasibility of

weighing only body sections instead of Fig. 3 Separating forces on ellipsoid of
T e o revolution in incompressible inviscid flow
wind tunnel measurements conducted

in 1971/72 is presented in the

following paragraphs.

P_. Curves | and 3 in fig. |
Curve M ~1i Ref stem from wind tunnel measurements
No. o P, conducted by MBB in the lm x 1m transonic
tunnel of DFVLR Gbttingen without jet and
! ‘1 ABI ) 2 with different boattail angles (ref. 2 and 3).
3 0,8 - AB3 [[3xisym. body 3
Curve 2 was obtained with
2 0,9 3 twin jet fighter 4 a strut mounted twin jet fighter model tested
by the Air Force Flight Dynamics Laboratory
4 0,6 J-85 nacelle on in the 16 ft. transonic tunnel of the Arnold
- ? 5 Engineering Development Center (ref. 4).
0,9 F-106
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4. GOTTINGEN MEASUREMENTS

FOREBODY AFT1BODY
y y IF =Ymax
I 2 ¥Ymax 3 I T
i i i | |
x=0 xl=05L X,y Xq 13=L
y,=ax b, x%c, x Yh=apx ebyx%cix +d
uv=Ymm(/X13 2 ap =Ymax/(x2'x3)3 3
by =-3Ymax/Xi bh = -3%z¥max/ (X2-X3)
Cv = 3Ymax'X1 Ch=:']"22)'m¢:x/("2""3)3

d = (X3Ymax/(x2 -X3)3)~
(3%,%3 =X52-3x,2)

AFTBODY|x;-values

L =theoretical length of 1 05SL

bodies = 800 mm 06251
0,6875L

2
3
4 0,75L
5 0,8125L

AFTBODY No.:

i Lk L

4.1. Windtunnel and Models

The tests were conducted

in the Im x Im transonic wind 25

tunnel of DFVLR G&ttingen. The 5

rectangular test section has four 20

perforated walls, two of which can - WETTED SURFACE 1

be rotated from +1° to -2°. The Anax

perforation consists of inclined 15 /

holes yielding an open-area ratio * /

of 6 %. Pressurizing or 10

evacuating the tunnel allowed a /

variation of the Reynolds number //

by the factor 4 (ref. 11 ). The 3 / =

models were bodies of revolution __’_’,.-# ICY LINDER

with a common forebody and five 0 =

interchangeable aftbodies,

referred to in fig. 1. The body 10

contours are defined above. , ; g
The model with aftbody a 08

No. 1 had no cylindrical midbody; AMA!& 06

thus fore- and aftbody had the ! CRDS 5 < SEC TIGN \\\\

same contours, The cross- * ﬂ',lr

section distributions and the / \

wetted surfaces are shown in 0,2

fig. 4. i‘ STING

U_ 1

0 0,2 0,4 0,6 08 1,0
—» x/L

Fig. 4 Model geometry
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My =08
Re =15,7 108 4.2.1. Effect of Aftbody Geometry

The variation of aftbody shape naturally
3 leads to the largest changes in pressure
_5: distribution on the rear body; on the forebody
i | . ] .
1.0 there are at the same time only minor changes
I in pressure distribution. In wind tunnel
II measurements with forebodies fixed to the
i ground the surface pressures near the split
"'.. I station forebody/aftbody are therefore in
0.2 ACp=0,01 \_‘tl . practice often taken as a criterion for a
v !
|
I
L

possible upstream influence: if the change of
these pressures is sufficiently small, e.g.
smaller than | %, then no noteworthy changes

B “/L > in forebody drag are expected. In the measure-
ments discussed in this paper a slender boat-
q tail (No. 1) was replaced by a steeper one
Flg’ 5 Effect of aﬂmdy g“ime_try Pn (No. 3). Due to this alteration the surface
forebody pressure distribution pressure coefficients at the split station

= e

changed only by ACp = 0, 02; on the greater

part of the forebody (x/L < 0, 45) these changes

were even below ACp = 0,0! (fig.5). The
forebody pressure drag, however, increased at the same time from 0, 0099 to 0,0147, i.e. by 48 %
(fig. 6). This amounts to no less than 6,8 % of the total drag (pressure + friction) of the complete body.
(The Cbp-curves in fig, 6 respresent the surface pressure coefficients integrated from the nose of the
body to an arbitrary station x/L)., For the testing technique in wind tunnels and for flight measurements
it follows therefrom that optimizing the aftbody drag by measuring the aftbody alone does not yield valid
results, except if appropriate computed corrections are applied to the forebody drag. That is, by
omitting such corrections one may succeed in merely transferring the drag nroblem to the forward end
(compare ref.7, p. 4 - 3) and in an incorrect overall aircraft drag synthesis.

An example of such a com-
puted correction is shown in the
upper half of fig.6. The MBB My=0,8

Subsonic Panel Method (ref. 8 )was — -
used for this end neglecting viscosi- —.G
ty effects. The agreement between

measured and computed drag changes

is only qualitatively good. At 0.10
present it cannot be stated whether g W

the experimental or the theoretical cI COMPUTED
method is more reliable since both DP (INVISCID)

are not yet sufficiently exact and /\ l

since even bigger discrepancies are *

encountered occasionally. With
some optimism and without con-
sidering possible systematic errors
the mean error in the measured 0,0088 (Ne. 1)
pressure drag is estimated to be of ) 05

the order of + 0,001, which is rela- "

tively large. To quantitatively con- 0,10 —T
firm this upstream influence the M EA s UR ED
measurements described above were (Re=4,3- 106) /‘\
repeated with the forebody attached

to the balance and the aftbody fixed /\ b
to the ground. These results will be 0,05
raported in detail in a later paper.

005

i e S L e

,0005 (No. 8}

0,0447[Ne.3) / \
z 0,058
Y 0,0102

While there are noticeable
changes in pressure drag on the fore-
body, the corresponding changes on
the aftbody are below measuring accu-
racy and this in spite of the fact t<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>