
UNCLASSIFIED

AD NUMBER

AD884790

NEW LIMITATION CHANGE

TO
Approved for public release, distribution
unlimited

FROM
Distribution authorized to U.S. Gov't.
agencies and their contractors; Critical
Technology; MAR 1971. Other requests shall
be referred to Air Force Flight Dynamics
Laboratory, Attn: FBR, Wright-Patterson
AFB, OH 45433.

AUTHORITY

AFFDL notice, 13 Aug 1971

THIS PAGE IS UNCLASSIFIED



7,

AFFDL-TR-70-149

INVESTIGATION AND ANALYSIS DEVELOPMENT

00 OF EARLY LIFE AIRCRAFT
STRUCTURAL FAILURES

ROBERT 1. GRAN AND FRED D. ORAZ-70, JR.

UNiVERSA L TECHNOLOGY CORPORATION h

DAYTON, OHIOC

AND

PAUL C. PARIS, GEORGE R. IRWIN AND RICHARD HERTZBERG

DPAL RESEARCH CORPORATION

BETHLEHEM, PENNSYLVANIA

This dacvinrnt is subject to special export c*r• and each transmittal to feign
goveuunents or foreign natiocals may be marie ooiy with pro approval ci the
Air Force Right Dynamics Laboratory (FBR), Wright-Pattersoc Air Force Base,
Ohio 454i3.

AIR FORCH FLIGHT DYNAMICS LTR7 TORY
AIR FORCE SYSTEMS COMMAND

WRJGHT-PA1TERSON AIR FORCE BASE, OHIO .

cz rn



Wnen Government drawings, specifications, or other data are used
for any purpose other than in connection with a definitely related
Government procurement operation, the United States Government thereby
incurs no responsibility nor any obligation whatsoever; and the fact
that the Government may have formulated, furnished, or in any way
supplied the said drawings, specifications, or other data, is not to
be regarded by implication or otherwise as in any manner licensirg the
holder or any other person or corporation, or conveying any rights or
permission to manufacture, use, or sell any patented invention that may
in any way be related thereto.

• ,U II /it~l;:•lm MrtE• ]

IV SUMAL~I

T I

Copies of this report should not be returned ur'ess return is
required by security considerdtions, contractual roligations, or notice
nn a specific document



DISLAMER NOTliC

THIS DOCUMENT IS BEST

QUALITY AVAILABLE. THE COPY

FURNISHED TO DTIC CONTAINED

A SIGNIFICANT NUMBER OF

PAGES WHICH DO NOT

REPRODUCE LEGIBLY.



UNCLASSIFIE
Senty Classuaatme

DOCUMENT CONTROL DATA R & D

*o.G'a G• T...G aC TIv~*T tC~wvp..r. •a~lmjT-4ae,•.• ( . * ''• _ "

Universal Technology Corporation, Dayton, Ohio __Unclassified

and [it = s'
Del Research Corporation, Bethlehem, PA I N/A

3 UC[PO*? ?*TLf

INVFESTIGATION AIM AXALYSIS DEVELOPMET' OF EARLY LIFE AIRCRAFT STRUCTURAL FAILIURES

4 Ol[SCRtlmnv .. OTE[S(7~p e#•ol 4ro i•/o •ec)

Final report of work conducted from 15 Anril 1968 to 15 October 1970
SA *uTO.S , , Fsin ew. as.mdk u..Ib~. I..t ,

Gran, Robert J. Paris, Paul C. Hertzberg, Richard
Oraxlo, Fred D., Jr. Irwin, George R.

41 REPOR NO.T -it. & %rP *Cr 2s ~ -An =- ,, -., .E ý t.*e

S" •c•- •.•264 I50

F33615-68-C:-1-503 5 ,"

PO-oJIEC %0 -o C-TR-5316
1467

-TASK•u NOdo Ppoff)

16704 AFL-TR-70-149

This document has been approved for public release and sale; its distribution

is unlimited.

11 S--Lf%'.I .. ... - %O'-• .2

Air Force Flight Dynanics Laboratory (FBR)
Air Force Systems Cocmand
Wrikht-Patterson AFB. OH 45433

An nvestigation and analysis of airzraft structural failures was conducted to assess
the condition surrounding early life failures and initiate inproved methods for the
structural analysis of such failure problems. The primary objective was to identify
critical structural component areas anJ define an. analysis approach which would
consider the useful life of a flawed or damaged structure.

Initial program efforts involved the survey of Government and Industry organizations
concerned with engineering and maintenance of present operational aircraft. Failure
data was gathered on airframe structures, landing gear components and highly stressed
aircraft sub-compone~nts which experienced operational failures. The data gathered

was tabulated under various categories related to component description, failure
circumstances, stress history and environmental influences in an attempt to identify
significant or contributing variables. Results of these failure correlations are
,presented in tabular form.

The failure analysis methods utilized in the program were based on the fracture
mechanics approach, which takes into consideration the existence of a flawed or

idamaged structure with localized stress concentrations in this region. The
principles of fracture mechanics, its application criteria and structural failure
behavior patterns are presented.

DD ,o-.. 1473

BEST
AVAILABLE COPY



"�"�.�4LK A TLift- C

mOa.E OT qOýI F ROLE *

Aircraft Structural Failures
Fleet failure experience
Failure analysis
Fracture wmchanics

UNCIA6SIFIED
Seconty •$ assricatio-,



INVESTIGATION AND ANALYSIS DEVELOPMENT
OF EARLY LIFE AIRCRAFT

STRUCTURAL FAILURES

ROBERT 1. GRAN AND fED D. ORAZIO, JR.

UNIVERSAL TECHNOLOGY CORPORATION

DAYTON, OHIO

AND

PAUL C PARIS. GEORGE R. IRWIN AND RICHARD HERTZBERG

DEL RESEARCH CORPORA TIO.%

BETHLEHEM, PENNSYLVANIA

This document is subject to special export controls and each transmittail to foreign
governments or foreign nanionals may be made only with pror approval of thc
Air Form Flight Dynamics Labortory (FBR), Wright-Paterson Air Forae Ba3,,.
Ohio 45433,

The distriimtion of this report is limited because unlimited distnibutikw would
sigificanty diminish the technoi lead time of the United States and friendh
foreign nations by revealing techniques having a potential stmtepc or .ccnmic
value not generally known throughout the world.



FOREWORD I

This report was prepared by Universal Technology Corporation, Dayton,

Ohio, and Del Research Corporation, Bethlehem, Pennsylvania, under Contract
F33615-68-C-1503, Project 1467. The work was administered under the
direction of the Structures Division (FBR), Air Force Flight Dynamics
Laboratory, with Mr. Howard A. Wood as the Air Force project engineer.
This report covers the work conducted from 15 April 1968 through 15 August
1969.

The program efforts related to aircraft failure data gathering, review
and correlation was accomplished by Universal Technology Corporation with
Mr. Robert J. Gran as program manager. The program efforts related to
failure analysis development and analysis of specific failures was
accomplished by Del Research Corporation with Dr. Paul C. Paris as project
leader.

Acknowledgment and appreciation is offered herein to those Air Force
organizations, other Government agencies and Aircraft Industry members who
provided component failure documentation for inclusion in this orogram.
Such valuable information contributed directly to the conclusions and
results of this program.

This report was submitted by the authors on 1 November 1970 for
publication as an AFFDL Technical Report. f

his Technical Report has been reviewed and is approved,
S~I

hief, 1-o t Mechanics Branch
Structures Division

,IA

iii



ABSTRACT

An investigation and analysis of aircraft structural
failures was conducted to assess the condition surrounding
early life failures and initiate improved metbods for the
structural analysis of such failure problems. The primary
objective was to identify critical structural component areas
and define an analysis approach which would consider the
useful life of a flawed or damaged structure.

Initial program efforts involved the survey of Govern-
ment and Industry organizations concerned with engineering and
maintenance of present operational aircraft. Failure data
was gathered on airframe structures, landing gear components
and highly stressed aircraft sub-components which experienced
operational failures. The data gathered was tabulated under
various categories related to component description, failure
circumstances, stress history and environmental influences in
an attempt to identify significant or contributing variables.
Results of these failure correlations are presented in tabular

form.

The failure analysis methods utilized in this program
were based on the fracture mechanics approach, which takes
into consideration the existence of a flawed cr damaged
structure with localized stress concentrations in this region.
The principles of fracture mechanics, its application criteria
and structural failure behavior patterns are presented. These
analysis methods and procedures are intended to provide
guidance and direction in the analysis of various types of
structural components. The necessary data for adequate fracture
mechanics analysis for failure investigation is presented,
and analysis limitations or proper utilization are defined. As
a means of demonstrating this analysis method, detailed failure
analyses were performed on actual failed structural components
in which information was obtained during the failure data
gathering phase of the program. Conclusions and recommendations
in the utilization of this analysis method are summarized.
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SECTION I
INTRODUCT ION

The progress in improved structural design has evolved around the

development and improvement of stress analysis methods and further

understanding of materials behavior. These attemts, however, have been

hindered by the increased complexity of aircraft structures, greater

demands for varied performance capabilities and requirements for longer

operating life. On the other hand, progress has been made in defining

the operating envi romment and actual 1loadinrg conditions experienced by

present aircraft. Also, extensive and varied failure analysis efforts

have been conducted in order to better understand and more accurately

predict aircraft structural life. Basically, the aim is to develop

analytical techniques which will most accurately predict or define the

useful service life of the aircraft airframe or structural component.

Various design or failure analysis techniques or theories have

been developed and utilized, including static stress analysis, cumulative

damage, fracture analysis and experimental evaluation. These analysis

techniques or theories take into consideration various boundary conditions

or uodel assumptions, depending on the intended application, known

factors. or experience of the investigator. The approach taken in

developing these analyses may also differ markedly, depending on the

direction of view such as engineering, stress analysis, solid mechanics

or metallurgical and whether a general or specific solution is desired.

Although the interest is more oriented toward specific design and



failure analayses, these l•"-wse require a more precise definitioi1 of

inputs and analytical procedures. In the real aircraft operating

situation this is a complex and many-variable problem, which defies

a general or universal analytical solution.

Aircraft structural component failures have continued to be

major flight worthy and safety problems, as well as maintenance and

economic burdens. Efforts to eliminate or minimize such failures have

been directed toward improved prediction methods, more thorough

maintenance, more comprehensive design efforts, improved manufacturing

procedures and utilization of better materials. The successful

analysis and utilization of a flaw-free material under ideal stress

conditions is not possible, therefore,.the consideration of such

imperfections in failure analysis or life prediction is necessary.

Likewise, the subsequent initiation of a flaw or crack in a structural

component does not warrant immediate replacement, but rather a deter-

mination of its criticality and estimation of remaining component life.

In aircraft structural applications, failure analysis attempts are

further complicated when considering random loading conditions,

variations in environmental influences, and the uncertainty in materials

characterization. The availability of additional or improved analysis

methods and life prediction techniques could offer a valuable tool for

the stress analyst.

Because of these above needs, this program was directed toward

t.,;- identification of in-service, early life failures and the develop-

ment of an improved failure analysis method based on such failure



circumstances. The survey and analysis objectives were to establish

criteria, guidelines and approaches to analyze component failure problems

rather than a comprehensive solution for each service failure investigated.

Existing or available component failure information and material property

data were used in developing the analysis method.

A survey of actual service failures was conducted for the purnose

of identifying significant failure areas and reviewing circumstances

surrounding such failures. The failure data was analyzed and correlated

to define critical problem areas and identify key variables which would

be important in the development of an improved analysis. This portion

of the program is presented in Section II and was accomplished by

Universal Technology Corporation.

The development of an improved failure analysis method, under this

program, is based on the fracture mechanics approach. This method takes

into consideration the existence of a flaw or defect and localized

stress concentrations in this region. This analysis method has received

considerable attention in materials testing and component evaluation

in recent years. Further development, however, is required in order to

apply it to analysis of complex structures and operational conditions.

This failure analysis discussion and the application of this method to

individual in-service failures is presented in Section III and was

accomplished:by Del Research Corporation.

Program conclusions and recommendations are presented in Section IV.

Supporting survey data and computer programs are contained in the Appendix.

3



SECTION II

FAILURE DATA REVIEW AND CORRELATION

A. Failure Information Survey

A survey was conducted of Government and the aircraft Industries for

the purpose of identifying and reviewing structural failure documentation

related to Air Force aircraft and similar commercial aircraft. Specific

component in-service failure records were examined to determine component

description and failure circumstance which would contribute to the failure

data tabulation and analysis development efforts. The objective of the

survey was to.obtain a broad cross-section of past and present component

failure experience on a wide variety of aircraft types and structural

components. This general survey identified numerous types of service

failures and enabled a comprehensive overview of the failure investigation

and correction problem. From this general survey, specific component

failures were selected for further review and data gathering. These

selected components provided service failure data for the development of

the failure analysis method presented in Section III of this report.

A discussion of the aircraft systems investigated, sources solicited,

type data requested and data limitations are contained in the followingi

paragraphs.

1. Systems Considered for Failure Data

The aircraft initially considered as candidates for service failure

data included as many of the systems as possible which the Air Force has in

its present inventory or has maintenance responsibility. The objective

5



of such a broad preliminary survey was to permit the maximum insight into

the historical nature of structural failures in Air Force aircraft and

select those systems and component failures which offered the best potential

for investigation and analysis. This aircraft system selection represented a

complete cro-cs-section of aircraft type, mission and accumulated flight time.

Although the primary survey interest was in the Air Force fixed wing fleet,

other systems such as comercial aircraft and military helicopters were

briefly investigated.

A list of those aircraft initially considered for the survey and failure

data gathering is summarized in Table I. The aircraft are grouped into

general mission categories to permit classifying failure data and comparing

similar service operation even though specific mission profiles may vary

within each group, or aircraft system itself. Thus, specific comonent

failures and statistical tabulations can be presented without identifying

specific aircraft.

The extent of failure data necessary for analysis development and the

program limitations required that the nmber of aircraft systems be reduced

to a representative group which would be sufficient and of greatest value

for failure data gathering and analysis. Those aircraft which were selected

for investigation of structural failures to various degrees throughout this

program are listed in Table H1. The fighter and trainer categories are

cobined because of similar structural components and flight operation.

These ai rcraft were selected because they represented the major Air Force

systems in the present fleet, the complete range of material/structural

6
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TABLE I. AIRCRAFT CONSIDERED FOR DATA GATHERING

TRAINERS FIGITERS BSWERS CAG CONERCIAL HELICOPTERS
JET

T-33 A-37 8-52 C-5 B-707 UH-1
T-37 F-4 B-57 C-7 B-720 CH-3
T-38 ' F-5 8-58 C-9 B-737 H-21
T-39 F-86 B-66 C-119 DC-8 HH-43

F-1O0 C-123 DC-9
F-101 C-124 88o
F-102 C-1 30
F-104 C-133
F-105 KC/C-135
F-106 C-140
F-111 C-141

TABLE II. AIRURAFT SYSTENS INVESTIGATED

FIGHTERS & MISER CARGO COIWRCIAL HELICOPTERS
TMAINERS, JET

F-4 B-52 C-130 B-707 UH-1
F-1O0 8-5 C4-133 B-720 CH-3
F-101 W/C-135 DC-9 MH-43
F-105 C-141

T-37/A-37
T-38/F-5

7
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concepts and ciirent interests for investigation of structural failure

problems. Also, these aircraft offered the complete spectrum for purposes

of statistical evaluation and the best possibility of detailed and specific

failure documentation for purposes of analysis development. The commrcial

jPt aircraft Wtie selected on the basis that they represented similar or

identical structural components to the Air Force cargo versions, which

would pemit comparison of different operational and maintenance character-

istics. The complete range of accumulated flight hours from "low-time" to

"high-time" are of interest to assess the historical nature of early life

structural failures, however, new inventory aircraft with little operational

e-Phrience were not considered. It was concluded that the aircraft systems

in Table I1 would give the best overall insight into the failure character-

istics of the total Air Force fleet and comparison with similar aircraft.

These aircraft appeared to offer the greatest potential for obtaining the

naxinmum 3mount of early life structural data for statistical tabulation and

analysis developnent.

2. [)ata Sources Solicited

T.he failure information gathered for analysis and statistical

deteloprnent was obtained from various Government and industry organizations

.riich •,eye directly concerned with aircraft structural failure problems.

;1'uci- of tle failure information was gained from direct contact with these

or-,•iT*i,•,3 i 1nd flow correspondence, documentation requests and telephone

"ntrm,•nirati',ns .ering the program. These sources of information are out-

li,,od a- follis and represent all of the organizations contacted for

i oilo dr'*%, drrirg the conduct of this program.

8



Sources Solicited for rilt oflat;% Tnfor-nati.)n

(a) Air Force Logistics Cowmand H1'.

(1) iCS/Maintenance Engineering
Service Engineering Divisi',, ('MC)
Analysis & Utilizaticn Syt -- ,
Flight Safety Office (WMt.;-

(b) Air Force Air Material Areas

(1) Warner-Robins AMA (WRAMA)
Structures Branch !'WRNEA)
Systems Management (WPIHH)

(2) Oklahoma City AMA (OMAMA)
Aeronautical Branch fýCdrW.•'

(3) Ogden AMA (OOAMA)
Structures Branch (004EW'3
Landing Gear (OONED)
Mechanical Systemfs (9041F,,"
Systems Management (010f-1W
Metallurgical anrd NODT

(4) Sacramento AMA (SMPAA)
Structures Branch (S-,,.
Systems Hanagemept •$,•,i•

(5) San Antonio AMA (CzA:&;,,
Aeronautical Brar :- .

(c) Aeronautical Systeins 1v;:mr

(1) Airframe Subsyster- Zrg
(2) C-141 SPO (ASZL,(3) F-111 SPO PL
(4) F-4C SPo (ASZA 41
(5) C-130 SPO (A.-S-L,
(6) T-37/A-37 SPO ,-ZL
(7) F-5/T-38 SPO ......

(d) Air Force MateraIs 'b- -:>.

(!) Materia s -i,;"ee --r

(e) Naval Air Syszers -

(1) Air -?crce n -'- -, . ,,
(2) Fighter Airzraf, S -•

The organlzazLcn ;?e _,

survey



(f) Airframe Manufacturers

(1) Lockheed Georgia Co., Marietta, Georgia
Structural Integrity Division
Research LalWatory

(2) The Boeing Company,
Vertol Division, Morton, Pennsylvania
Commercial Airplane Division, Seattle, Washington
Wichita Division, Wichita, Kansas
Technology Laboratory, Seattle, Washington

(3) McDonnell-Douglas Corp., St. Louis, Missouri
Structures Engineering
Engineering Reliability

(4) Cessna Aircraft Co., Wichita, Kansas
Military Division

(5) Northrop-Morair, Hawthorne, California
Structures and Mechanical Systems
Structural Analysis
Landing Gear Systems

(6) T4orth American-Rockwell, Los Angeles, California
Structures Di vi sion
Structural Fatigue
Materials and Processes

(g) Aerospace Industry Association (AIA)

(1) Civil Aviation'bivision, Washington, DC

(h) Air Transport Association (ATA)

(1) Engineering Division, Washington, DC

(i) Federal Aviation Administration (FAA)

(1) Washington, DC
Flight Standards Service (FS-123)
Maintenance Division (FS-310)

(2) Oaklahoma City, Aeronautical Center
Maintenance Branch
Maintenance Analysis Center

10



(j) Commercial Airlines, Maintenance & Engineering Division

(1) Air West, San Francisco, California
(2) American Airlines, Tulsa, Oklahoma
(3) Braniff Airways, Dallas, Texas
(4) Continental Airlines, Las Angeles, California
(5) Pan American World Airways, New York, New York
(6) Southern Airways, Atlanta, Georqia
(7) Trans-Texas Airways, Houston, Texas
(8) Trans World Airlines, Kansas City, Missouri
(9) Delta Airlines, Atlanta, Georgia

(10) Eastern Airlines, Miami, Florida,
(11) Northwest Airlines, St. Paul, Minnesota
(12) Ozark Airlines, St. Louis, Missouri
(13) United Airlines, San Francisco, California
(14) Western Airlines, Los Angeles, California

Although these organizatiops were the primary sources for failure data,

it was found that detailed information on any one particular failure was

very difficult to obtain, even from those organizations that directly

handled the investigation and solution of the specific failure problem.

Numerous contacts were made with many individuals in these organizations

in order to gather the information contained in this report.

The initial sources solicited were Air Force maintenance and

engineering organizations with subsequent contacts made with the manu-

facturers of the various military aircraft. For commercial aircraft,

initial contact was made with the FAA, AIA and ATA with subsequent

contacts made with the air carriers and aircraft manufacturers. Only the

B-707, B-720 and DC-9 were considered in data gathering because of their

similarity to Air Force aircraft. The more substantial and detailed data

for failure analysis development was obtained from Air Force maintenance

and engineering sources and several aircraft manufacturers. The other

failure information obtained was sufficient only for statistical evalu-

ation purposes.

11
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I1. COWNPIEI IDENTIFICATION

a. Part Nam and Location
b. Part Number
c. Structural Use
d. Material Designation (7075, 4340, etc)
e. Part Form (forging, casting, etc.)
f. Processing/Treatments Performed

III. FAILURE DESCRIPTION

a. Origin of Failure (the crack initiation point, a
bolt hole, internal flaw, etc.)

b. Failure Node (fatigue, stress corrosion, etc.,)
c. Contributing Influences (corrosion, poor surract

condition, etc.)
d. Environmental Factors (humid, cold, salt water, et,.)

The data for the statistical analysis was obtained from AFH-66-1 data

bank, 7vergency Unsatisfactory Reports/Unsatisfactory Reportb, ncidence

Report,,. 4echanical Reliability Reports (FAA) and individual failure

docomen ... ion. These sources of failure data were used to ideirtifl the

more significant and interesting comonent failures for subsequent data

gathering in providing information for the detailed failure analysis

development. .

The AFN 66-1 data system which is maintained by the Air Force

Logistics Comand (AFLC) contains fleet maintenance historical data on all

aircraft in the Air Force inventory. This maintenance data is submitted

by the operating Commands to AFLC Headquarters for magnetic tape data

storage. Various data retrieval programs are conducted to e.tract deýi,-ed

data from these random access tapes. In general, the only cowporeiit

failure information this data contains is the indication that a failu;c

occurred in a specific location on a given aircraft, with the tailrd pa.-t

13



TABLE III. STUMCTURAL CG ITS INCLUDED

IN THIlS RG

LOCATION ON AIRCRAFT

Fuselage Skins and Plates
Stringer
Bvlkheads
Franes

Empennage Vertical Stabilizers
Horizontal Stabilizers
Skins and Plates
Frames
Attalmimt Fittings
Control Surface Structures

wings Skins and Plates
Spars and Longerons
Maim Frame
Control Surface Structures

Landing Gear Pales and Struts
Nechoani l Linkages
Actuator CylindersAM- Attxl- t Fittitngs

Other Actmator Cylinders

Engine Nmmts
Nacelles
Pylon Attacknents

14

:/1'



number sometimes identified. This data is selective enough, however, to

sort out the type of data which is of particular interest in the statistical

phase of this program. The specific information requested from the AFM 66-1

data system is Identified in Table IV.

Another form of failure information reviewed was the Emergency

Unsatisfactory Report (EUR) or Unsatisfactory Report (UR). These reports

are prepared by operating commands when significant component failures occur

and contain the same informtion as tne AFI 66-1 report plus additional data

'in the form of failure coments. These comments give information on air-

frame hours, number of landings, and particulars about the component failure.

The EUR/UR files were examined at AFLC Headquarters and included all Air

Force systems identified in Table I1. These reports were considered to be

more valuable in identifying significant structural component failures than

the AFR 66-1 data, and provided an identification of failures to examine in

greater detail.

The Mechanical Reliability Reports (MRR) of the Federal Aviation

Administration were reviewed for the purpose of obtaining statistical data

on several comercial aircraft syste.

This R data was stored chronologically on microfilm and required

manual searching. There was considerably less data than that of the 66-1

information however it was sufficient for statistical purposes. The data

contained in these reports included: aircraft type and model, airline

operator, date of failure, failed component location, part number, type

of failure, airfrae hours and some failure description or comments.

15



TABLE IV. AIR FORCE MANUAL 66-1 INFORMATION

NAME SAMPLE EXPLANATION
ENTRY

Aircraft System RF-4C Aircraft type and model
designation

Aircraft Serial No. 64-0653 Tail nu of the particularaircraft!

Part N3P22542-139 Numer ilesigation of the
failed part

Work Unit Code 13DBA Identifies the system category
(13), subsystem (D) and component
(BA) which required maintenance

Suffix Code C6 Identifies aircraft system

and/or user

How-Malfunction Code 190 Identifies cause of failure

Date 28019*. Date of report to AFLC in
_ _ _ _ _Day (28), _Mntm (01), Year (9)

Type Maintenance P Identifies the type of main-
tenance performed on the

"___component

Command Code Q Command under which aircraft

is operated

Work Center Code Q3345 Where work was accomplished

Action Taken Code F What was done to failed
component

When Discovered Code H When the failure was discovered

Time to Repair 0035 Number of tenths of hours to
repair failure or conduct
maintenance

16



The coments were usually very brief with many reports only giving the

general location of the failure and crack length.

The detailed failure data gathering for the development of an improved

analysis, which is presented in Section I11, was directed toward collection

of documentation on specific components. This data was obtained from

various files and records of fleet engineering and maintenance organ-

izations, and aircraft manufacturers. Selection of these individual

failures was based on the identification of repeated failures during the

statistical data gathering phase and identification of the more completely

documented component failures. Of particular interest were comprehensive

failure reports; including metallurgical reports, failure investigation

documents, micro/macro-photographs and descriptions of the circumstances

surrounding the failure. The folliWing outline is a comprehensive check-

list of the information required for a thorough fracture mechanics failure

analysis and determination of environmental influence. Those headings

marked with an asterisk are of primary importance in the analysis develop-

ment, while the others can be deleted without imparing the strength of the

analysis although they could be useful in checking or correcting

inconsistencies in the primary results and identifying enviromental

effects.

CHECKLIST FOR DETAILED COMPONENT FAILURE

DATA GATHERING

* I. COMPONENT DESCRIPTION

A. Size, shape, dimensions

17



B. Part photographs and/or drawings

II. COMPONENT MANUFACTURING PRWCES'!ES

* A. Forged, cast, machined, spun, rolled, combination
fabrication

* B. Joining method (welded, brazed, bolted, bonded, etc)

* C. Surface treatment

"*1. Shot peening and other deliberate compressive
surface stresses to component

*2. Manufacture induced residual stresses
a. In a large section (thermal or transformation)
b. Due towelds

3. Pickling or other cleaning treatmen+s
4. Cadmium plating and/or other hydrogen charging

process

111. COMONENT METALLURGY

*A. Component material

i. Alloy c•mositional variations within specifications
a. Interstitial content (titanium alloys)
b. Carbon, phosphorus and sulfur content (steels)
c. Other tramp elements in alloys

B. Melting practice and ingot breakdown

1. Techniques to improve purity (vacuum degassing,
electric melting, etc)

2. Cross rolling or unidirectional rolling

C. Heat Treatment

1. With hardness, mechanical property tests and
metallographic sections attempt to answer the following:

a. Was tempering temperature correct (steels)
b. Was aging temperature correct (Al and Ti alloys)
c. Was 500 and 850°F eibrittlement present (steels)

D. Microstructure

1. Mechanical fibering and banding from chemical
segregation

2. Grain size and shape

-1



a. Elongated with ,respeot to stress axis
b. Grain run-out in machined forgings and will stock

E. Anisotropy

1. If possible, with available material determine KIC, K,
yield strength and elongation with respect to
critical flaw orientation

*IV. STRESS STATE FOR COONENT

A. Type of stresses

1. Magnitude of stress levels (design stress)
2. Type of stress (e.g., Node I, II, I1 or combinations)
3. Presence of stress gradients -'
4. Magnitude or possibility of fit-up stresses

"!B. State of stress - plane strain vs plane stress

1. From fracture surface appearance (shear lip percent)
2. From calculations of estimated plastic zone/thickness

ratio

.*C. Effect of load variation (time and loading frequency)

1 1. Hours of flyingtime
2. Flight profiles
3. Cyclic loads.
4. Single or mltiple overloads (wind gusts and landings)
5. Random loading

V. HMARO AND MICROSCOPIC EXAMINATION OF FRACTURE SURFACE

A. Critical flaw leading to fracture

*1. Location of critical flaw by macroscopic examination
"*2. Critical flaw size, shape and orientation before

instability
*3. Macro- or micro- evidence of fatigue and/or corrosive

attack (e.g., rust, beach marks, etc)
4. Surface or ibedded flaw (evidenqe of fretting)
5. Direction of crack propagation (dhevron markings, beach

marks)

*B. Manufacturing flaws

* 1. Scratches
2. Undercuts

19
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3. Weld defects (geometrical, hot or cold cracks)

4. Nisfit components

*C. Metallurgical flaws

1. Inclusions
2. Large second phase p.rtlcles-
3. Entrapped slag
4. Voids
5. Weak internal interfaces

*D. Fractographlc observations

1. NechanIsm(s) of failure (dimpled rupture, cleavage,
quasi-cleavage, intercrystalline fracture, fatigue
striations)

VI. SERVICE INFORMATION

A. Aircraft location and conditions

1. Weather experience,(hoe base or .enroute)
2. Cold weather de-icing chemicals
3. Water or salt water environment
4. Oils and fuel

B. Overhaul information

1. Cleanin fluids
2. Refurbling procedures

This failure data gathering format was' used during survey and

selection phases of the progrmw. In order that the data might be

arranged for easier handling and sorting, data sheet formats were

used as a means of compiling information. Formats for these data

sheets are presented in Figures 1, 2 and 3.

20
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A!C Type ACencyA/c Code
Manufacturer

pART I - AIRCAFT IDENTIFICArIOU AIM DINF AIO

Model Designations:
Model Dr. A/C Mr. (Inclusive) Qt- nod. Present IM. Flight Hr. NMae

Mission Description (General):

Flight Profile - 13 On File • iale U •0nMowf

Static & Fatigue Test Programs:
Tests Performed:

References:

Information Sources:
Airframe -

Landing Gear -

Subsystems -

Figure 2. Aircraft Swary Sheet
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I FPAWII - 0rMT

Part Er ____________________ Part Code___________

partNo
Locatilos an A/C _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _

Hate~ila Se______ at Trust ________Specif ication __________

Pat- Form ______ Part I~nfacturez ___________________

He tallxrglea/Pruocessalt Conditio_____________

Surface Treatment _________________________________

PARTM DESIGNC! U1 FACTOS N /

Structure FMti: a Primay (~s4Idry (3 Subsystem 03 Unkoovo
Destan Stress:

Loadigit ade ___________-0 Cyclic Comination Gj UnkuOwn

FailreModsification0.oatdI~ac ean alr

Fiure signr CbDs FrC

wm I - 00 rU

(h lud Failures Nelepor a MetLastria Dpr Failedrar

General Documntation or References:
On File -

Available-

Figure 3. Item Summry Worksheet
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C. Failure Data Compilation

The failure data survey, screening and coupilation phases of the

program involved processing data in various formats and from numerous

souices. Also the number of aircraft systems considered for data gathering

required certain categorizing and grouping to be established for tabu-

lation and statistical purposes. For thea most part, the different types

of data (i.e., AFM 66-1. WRR, EUR/UR and individual Failure Documentation)

required different processing procedures and compilation methods. The

individual data Aescription and processing procedures for these various
,-s

types of data are described in the following paragraphs.

1. AFM 66-1 Data

The primary purpose for reviewing and compiling Air Force 66-1

data was to' obtain a general identification of the total fleet structural

component failures for statistical evaluation. The 66-1 data storage

system offered a centralized source which permitted rapid extraction and

sorting of selected component failures for specific aircraft systems and

failure reporting periods. The failures reported in this system were not

of sufficient detail to enable consideration for the failure analysis

develrment Phase of this program.

The 69-1 data. being in a different form than other data, was handled

se:.<•-~,-ti ThP ragnetic tape data was obtained from the Air Force main-

tenance data bank and contained data records on the Air Force aircraft

identifiad i,, Table I1 for the reporting period Auoust 1968 to January

24



1969. Only selected structural compoiie,.t ,t~t•,, ,; ,

causes were extracted from the master file and er't',od r.*. tic ,,,., .-.-

Although the initial request was for fa~ilu•c f.t =,.d '. -• .'

operating Ilifetime of the aircraf t, cr~l y Vt z,?o-,..s,• : •.

obtained since the master tape search tim- ayO viuntl;t nf ,.I "t :a:- '

extensive. The resulting tape for the 15 systevs selerted cnptjrt,.A'

approximately 234,660 data records, alt'.•' not •! n.r, fIil,. , ,

specific categories of interest.

The Air Force Manual 66-1 data is -aitaine=d p, irai i -f,, i 'rct

maintenance and reliability records end ce ti~ e ectier. *:•i."',

certain portions of this data record, irc.aft .c•,*_ 4  
'',. .

be identified and tabulated. A listtro c>' - +c1 w- vr:,.

were of interest in this program are .

more fully the inforwation of Table "v --V -- ;-. , _ .;+ of ,I2

aircraft systems by Suffix Code arez . - -:- -

various models and utilization whicr, a'-e ý:oe.: '-..:e'- fd. +

storage. A cofplete Work Unit Code d Lc: -

system is contained in a %Work '2r.it Cccc :,e -,

sample pages are shown in Figur- 4 anc - --r- c-

(the first two digits) are ider.;.ce. -i.-

three digits may- represent differe,-,;, Qr.c- - -" -

These 66-1 entries and codes er, a _--' .. • : .= --

categorize component fai 1 r•e daza Zor s-.:,

During the process•;,z. of e-.,E -.E :.

used. These three prograr,,s were-:



TABLE V. PERTINENT /AFM 66-1 DATA ENTRY CODE INFOIMATION

DATA ENTRY DESCRIPTION OR CAIEGORY

Aircraft System Suffix codes listed in Table VI

WIork Unit Code Per Work Unit Code Manual (Figures 4 5):
11000 - Airfrme
13000 - Landing Gear
14000 - Flight Control (Structure)
23000 - Engines (Supports & Mounts)

Part Number Technical Order Part Designation

How Malfunction Code Type of discrepancy or failure:
070 - Broken
190 - Cracked

Type Aintenance Code Maintenance performed on part:
A - Service
B - Unscheduled Maintenance
C - Postflight & Thruflight Inspection.
D - Preflight or Scheduled Inspection
P - Periodic. Phased or Major Inspection
R - Depot Maintenance

Action Taken Code Type of minter-nce action:
D - Bench Checked
G - Repair andlor Replace
P - Removed Only
R - Removed and Replace with Nev Part

lWhen Discovered Code Wen failure ws fomd:
A - Before Flight (Abort)
B - Before Flight (No Abort)
C - In-flight (Abort)
o - In-fnight (No Abort)
E - After Flight
F - Betwen Flights (Ground Crew)
H - Post Flight Inspection
J - Preflight Inspection
N - PeriodicifhasedjMajor Inspection
Q - Special Inspection
S - Depot Level Maintenance
U - Non-Destructive Inspection
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TABLE VI. AIRCOFT SUFFIX CODES OF INTEREST FOP DATA RETRIEVAL

AIRCRAFT SYSTEM SUFFIX AIRCRAFT SYSTEM SUFFIX
CODE CODE

C-141A of C-133 CU
C-141A LTF* C8 C-133A 60t1 HAM 03
C-141A 60th 1PM 01 C-1338 60th 1PM 04
C-141A 62nd NAM 12 C-133A 436th NAM 32
C-141A 437th HMW 27 C-1338 436th HAM 33
C-141A 436th HAM 30
C-141A LTF* 60th OW 50 RC-135 CAN CA
C-141A LTF* 436th IWU 51 C-135A & RC-135A CV
C-141A LTF* 437th MW52 KC-135A CX
C-141A 58th HAS 53 KC-135A LTF* Cl
C-141A 63rd PW 54 MC-135B C5
C-141A 438th M 55 EC-i35N EA

KC-135Q EB
C-130A & D, RC-130 CF EC-135A,G,H,K,P ED
C-130E of RC-1350 & S,
C-1306 CR KC-135R
AC-130A C6 EC-135C & J, EE
HC-130H & P C7 RC-135E
MC-130A,B,E C9 C-1358 EF
C-130E 60th NAM 06 EC-135L. EH
C-130E UR-8 NRAT 10 C-1358 60t1 HAM 05
C-130E 438th HAM 21 C-135A 61st HAM 09
C-130E 477th NAM 30 C-135A 438th HAM 23

C-135B 438th HAM 24
B-52C BC C-135B 8th SW 40
B-52E BE
B-52F BF F-105D FK
8-52G BG F-105 FM
B-52A, B BL F-105F FR
8-52D BN-
B-521 BP F-5 FX

T-38 TF
B-58 SQ T-38 LTF* TT
B-58 LTF* POD BS
B-58 LTF* BY C1-3C, CH-3E, HH-3E HH
B-58 POD 1Z CIH-3B HU

F-4C FP HH-43 HG
F-4D FS
F-4E FT F-100 FE
RF-4C FW
F-4C LTF* FY F-IOIB,F FF
F-4D LTF* F9 F-1OJA,C FG

RF-IOIA,C FH
RF-IOIG,H FQ

Lead-The-Force
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a. RCCT (Identify data format and content)

b. SELECT (Retrieval of all data records for a given aircraft)

c. WUCWL (Sidmlar to SELECT plus the feature of tabulating
each structural component category)

SThese will be described in the order in which they were used in the data

processing.

Since the 66-1 data system utilizes about ten different data record

formats, it was necessary to identify these formats and decode the

mgnetic tape. The program KaC, which was previously written. was used

to determine these formats. RCr is a very siqmle progrmm which reads

the data on the tapes and prints It out in block form n mtter what the

format. The output of this program revealed that only !three of the ten

formats were used in the data records of interest to this retrieval effort.

Additional detail on RCCT description, program and sale printout is

presented in Appendix A-1. The EdC program output permitted a more.,

selective and prcise coqmuter retrievel program to be prepared and

ployed which minimized mual screing of datp printout.

Program SELECT was written to provide a-lghly selective retrieval

of all data records for a single aircraft system, or any number of

system. This program was written to get a better idea of the quantity

and kind of data available on each aircraft system. This program also

provided an insight for preparing and evaluaing techniques for retrieving

the 66-1 data in its most useful -form and eliminate extraneous or

unnecessary data records. Additional detail on program SELECT description

30
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and sample printout is presented in Appendix A-Il. The information

from this program was used to prepare the final computer program.

Program WUCCOL is similar to SELECT, however, it is much mora

specific in identifying and groupinj of structural component categories.

In WUCCOL the computer searches the data records not only for a specific

aircraft system but for specific Work Unit Codes which indicate the

S~location of the failed part on a given aircraft. Once this search is

cmpleted the output of the progrm is twofold. First, every data record

for that particular aircraft system with the selected Work Unit Code is

printed out individually. Secondly, after this printoutl a tabulation

of Bte Work Unit Codesiencountered with the nmber of occurrences for

each is printed out. This final tabulation provides the basis for the

statistical analysis. Further detail on program WUCCOL description

and sample printouts are contained in AppendixA-.III.

2. Mechanical Reliability Report (WR)

The HRR data system is- mintained byW the FM at Oklahoma City

for the purpose of identifying failure or maintenance problem areas on

the comercial aircraft. For this program, certain structural component

areas of the B-707, B-720 and IC-9 were screened for failure data. The

data was limited to these systems as they represented similar or

identical structural components to those of the Air Force KC/C-135 and

C-9 aircraft. Failure data 'was c#leporized simdlar to the AFN 66-1

system, however, not as detailed. The general categories in which

failure data was gathered were: (1) Landing Gear (Code 32),
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(2) Fuselage (Code 53) and (3) Wings (Code 57). Components identified

as fractured, cracked or broken were manually screened and tabulated.

Oue to program survey limitations, only MRR records submitted to FAA

during the January 1967 to October 1968 time period were rev4ewed. For

each such failure the following information was recorded:

(a) Microfilm entry frame number

(b) Aircraft type and model

(c) Airline operator

(d) Failed part category and description

(e) Airframe flight hours.

Information on material identification, cause of failure or failure mode

were not available.

3. Unsatisfactory Report (EUR/UR) Data

The Air Force EUR/UR system offered a central source for

identificatl,•., of specific structural component failures on the selected

aircraft. Individual reoorts are submitted by the fleet operating

organizations on significant failures which a;e not described in maintenance

manuals or T.O.'s. Thesame aircraft and componcit categories and codes as

the AFM.66-l system are used in the EUR/UR reporting, however, manual

searching was required. The screened and tabulated data on each system

contained the following irformation:

a. EUR/UR Number

b. Aircraft model, type and se-ial number

4,
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c. Part .,---er

d. Airframe flight hours

e. Fracture description (crack length, location, etc.)

The EIJR/UR files were reviewed for the ýeporting period January 1967

thru September 1968. This corresponds to the similar reporting period

for the MRR data.

4. Detailed Failure Data Docuwentation

The various compopent failure reports and information were

obtained from a wide variety of sources. This detailed failure docuien-

tation gathered included:

a. Component failure reports

b. Failure investigation reports

c. Metallurgical reports

d. Component test reprts (static or fatigue)

e. Stress analysis reports

f. Flight loads reports

g. Component drawings/photographs.

This detailed failure data was gathered only on military aircraft and on

structural compone, ts which contained significant documntatlon in these

above areas. A schematic of the data handling sequence is presented in

Figure 6. The Checklist previously described on pages 17 thru Z2 and

IData 'rnms in Figures 1, 2 and 3 were utilized in screening, compiling

and cataloging the various failure information. Aircraft and failed
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component identification were coded for the purpose of simplifying

the component datalogging and correlating procedures. Also, failure

information on each component was cateoorized and coded for Dunch card

format with man', I or machine sorting. This permitted rapid identi-

fication and tabulation of specific failure data in any desired cateqvry.

Individual component data packages were prepared and forwarded to

the sub-contractor for analysis on those failures where more qomplete

documentation was obtained. In all such data packages metallurgical and

failure investigation reports were required. Also, actual failed parts

were obtained, whenever possible, to aid in the analysis effort.

During the detailed failure data gathering and screening efforts,

about 100 different types of components representing approximately 1500

individual failures were identified and categorized as containing suffi-

cient information for correlation. In many cases, however, important

or key information was not available or hao not been documented in

sufficient detail to pemit failure categoriz q or an analysis a4ttempt.

A number of the more significant or better documented component failures

are contained in Section III.D. No attempt was made to include failure

summary reports on all components cataloged as the content would be

voluminous and much significant data, such as part phot ographs and

photomicrographs, being non-reproducible.

5. Data Limitations and Problems

During the failure data survey, screening and classifying

efforts for the statistical correlation and failure analysis development
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phases of the program, a nuber of limitations and problem; were

encountered which compromised the validity and accuracy of the results.

Several of these limitations or problem are worthy of mention as they

reflect the content and interpretation of the progrm results and

conclusions.

The statistical failure data obtained from the AFH 66-1, HRR and

EUR/UR system ripresent reported 'failure occurrences for specific

periods of tim during the operational life of the aircraft. For most

aircraft system the gathered data represented only a small segment of

the total fleet structural failure history. For example, in the

AFR 66-1 data searched for the six month period, if a rash of a particular

type of failure occurred during this period for certain aircraft, it

would bias the statistics. Also the possibility exists that fleet-wide

inspection directives or technical orders might require certain parts

to be inspected and replaced, and reported in the 66-1 information system

during that period. There is also the possibility that a given part

failure resulted in more than one entry to the 66-1 data; such as one

each for inspection, rmoval, repair, and part replacement. The relia-

bility of the data entry -Y also be questioned since it is possible

to make a coding entry error or to enter an incorrect Work Unit Code if
/

a suitable one is not immediately known.

Also, over-reporting, under-reporting or inconsistant reporting

procedures may contribute to the inaccuracy or validity of the statis-

tical results. This is also true for the NRR and EUR/UR data, although
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a much longer data reporting period was utilized. Program. limitations

did not permit gathering extensive data for the complete operational

life of the aircraft examined.

The survey and review of individual failures for detailed data

correlation and analysis encountered several limitations and problems.

Probably the greatest limitation wds the lack of pertinent and complete

data, from a fracture mechanics analysis standpoint. The type of data

necessary for this analysis is not normally detailed in a failure

investigation since the primary importance is the fix rather than the

systematic investigation of the failure mechanism. Another related

problem is that for the majority of failure histories, all data surrounding

the failure was not obtainable from a single location. To obtain the

complete failure history on a given part, several individuals and

organizations were contacted with much of the needed information not

documented but obtained through personal discussions. The investi-

gation of a typical failure required contacts with Air Force and industry

,design test and maintenance engineers as well as metallurgists and

management personnel. The primary data source for the various failures

differed considerably, and depended on the status of production, years

in inventory, organization assigned maintenance responsibility and

contractor system obligations. Another problem involved tte identi-

fication of the failure history and number of occurrences for a

given component during the airframe operational lifetime. Transferring

engineering and maintenance responsibility and changes in the aircraft

base of operation made the fleet failure statistical evaluation extremely
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difficult. Ore central source for such historical failure data was

the AFM 66-1 and EUR/UR data files, hoever, this would require extensive

data search and screening efforts.

The recording of precise and valid information on the data sheets

(Figures 1, 2 and 3) presented se•veral problems. Any one source of h

information generally resulted in partial or skettmy information ia a

nmber of data categories. An attempt to obtain missing data via other

sources or documentation raised the problem of identiftying the correct

failure, part or aircraft. Thus, it was very possible that different

failures, failure locations, operational histories, failure causes or

environmental influenceg could be entered as a single, complete failure

data occurrence. Also, failure data inaccuracies are possible as the

result of part replacement or changes during the airfrume lifetime and

could 4nvolve a number of different configurations, materials, part

nmbers, heat treats or processing steps which appear in the docmen-

tation to represent a single coqmonent operational lifetime. Although

the extent of comprehensive failure data varied widely for different

cmpnment failures, generally some problem were encountered in identi-

fying data on the following specific item:

a. Component description - Availability of part drawinas or

photographs.

b. Material description - Some failures contained nc alloy

identification, only the identification as steel. alminnm, etc. A

nmber of failures contained no heat treatment identification and most

"contained no information on heat treat-fabrication steps.
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c. Type of failure - Generally li+°aA ,t% a 2ci.1iflU

such as fatigue, stress-corrosion, over-stress and brief identification

of failure origin. Usually no description of progression through

various stages of failure were described during the crack initiation

and growth. Initial flaw size or dimensions were not identified in

many cases. For most component failures involving a number of occurrences

only the first ones were examined and documented in detail with subse-

quent failures resulting in little or no failure documentation, as it

was assued the same failure mode and cause applied and a like fix was

sufficient.

d. Failure location - The general location on the part was

identified, however, critical dimensional information was lacking.

e. Enviromnietal conditions - W~ith the exception of

identifying atmospheric corrosion, litt'e was noted on other possible

environmetal conditions prior to failure or at final failure.

f. Influencing factors - Only in a few failure occurrences

were contributing factors such as: abnormal flight, landing or taxi

conditions, gross weight estimates, component inspection history or

maintenance history identified.

g. Aircraft history - Generally aircraft flight hours, and

sometimes nuber of landings, were recorded for individual fai lures.

Also, general flight loads and flight profiles were available, specific

stress level estimates at the failure location were not stated or

were difficult to determine.
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h Structural digin - Stress analysis documntation was

difficult to obtain for the older a'icraft systems where the files had

been retired or discarded. The identification of component redesigh,

engineering change or modification data and documentation was very

difficult to determine.

These above problems, to varying degrees, were encountered through-

out the detailed failure data gathering and screening, and generally

limited the completeness and usefulness of the failure information for

subsequent development of failure analysis methods utilizinq fracture

mechanics.
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C, Failure Data Correlation

The classifying and statistical correlation of the various failure

data gathered was grouped under two man headings: (1) general failure

reporting and (2) significant failure occurrences. The first category

consists of the AFN 66-1 and WR data while the second category includes

the tabulation of the more critical failure docmentation and .UR/UR

data. Because of the different form and nature of these two types of

data, separate statistical correlation and tabulation efforts were con-

ducted.

1. General Failure Data Categorizing and Correlation

a. Data Classifying and Coding

The AFM 66-1 mgnetic tape data, as described in Section

11.B.1, represents tte military a:'rcraft failure data from which statis-

tical data was generated. In the categorizing and coding of structural

cmponents each Work Unit Code was examined to see what comonents were

described and if they were pertinent to the failure data of interest.

Each work unit code of interest, for each aircraft system, was listed

and the number of times it appeared was tabulated. The compnent areas

were then grouped into the categories and codes listed in Table VII.

All the WlUCs associated with these codes were summed under each heading

to indicate the nmber of failures in each category. Also, incorporated

into this data tabulation under the comercial jet heading was the FAA

IRR data. From this tabulation a statistical analysis was conducted to

indicate the areas of the aircraft which were sensitive to failure.
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TABLE VII. Coponent Coding for General Failure Data

CODE COMONENT CATEGORY

1. LANDING GEAR
1.1 Nose Gear
1.1.1 Gear Doors
1.1.2 Mechanical and Hydraulic Components
1.1.3 Gear Supports and Attachments
1.2 Main Gear
1.2.1 Gear Doors
1.2.2 Mechanical and Hydraulic Components
1.2.3 Gear Supports and Attachments
2. FUSELAGE
2.1 Main Frame
2.1.1 Forward Fuselage
2.1.2 Center Fuselage
2.1.3 Aft Fuselage
2.2 Plates and Skins
2.2.1 Forward Fuselage
2.2.2 Center Fuselage
2.2.3 Aft Fuselage
3. WINGS
3.1 Main Frame
3.1 .1 Inboard Section
3.1.2 Outboard Section
3.1.3 Center Section
3.2 Plates and Skins
3.2.1 Inboard Section
3.2.2 Outboard Section
3.2.3 Center Section
4. NACELLES AND PYLOKS
4.1 Main Frame
4.1.1 Inboard Section
4.1.2 Outboard Section
4.2 Plates and Skins
4.2.1 Inboard Section
4.2.2 Outboard Section
4.3 Engine Attachment
4.3.1 Moonts and Fittings
5. STABILIZERS
5.1 Horizontal
5.1.1 Frames
5.1.2 Plates and Skins
5.2 Vertical
5.2.1 Frames
5.2.2 Plates and Skins
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b. Statistical Data Tabulation

The tabulation and correlation results for the AFlN 66-1

and NRR data are presented in Tables VIII and IX, and Figures 7 through

12. Table VIII contains the numerical tabulation of the AFM 66-1 and

the PM data in accordance with the categories in Table VII. Ihe five

different aircraft categories consist of the systems identified earlier

in Table II and includes the nmber of failures recorded during the

particular reporting period. The statistical tabulation of the data in

Table VIII is presented in Table IX for the same comp6Wnt categories.

A graphical representation of the Table IX statistical data for each

aircraft category is contained in Figures 7 through 12.

2. Signific'.nt Failure Data Categorizing and Correlation

a. Data Classifying and Coding

In the case of the comprehensive failure data, each docu-

mented failure was listed in code form to enable manual or mechanical

sorting. Each failure was coded for the different aspects describing

the failure, with each entry nmbered to identify the component. Table X

contains a list of these different codes and identifies the data

categories and entry item. All failures reviewed were categorized based

on parameter selection from the coding system. This a4lows one to identify

the more significant item or areas where failures occur. The coding

system format was established for use in data processing with cbMputer

card entry position identified in tht. last column of Table X. The

complete tabulation and coding of all individual failure data reviewed

and recorded during the survey effort are presented in Table XI. This
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TABLE VIII. Ntotrical Tabulation of Failure Data from AFM 66-1 and MRR Pecords

CATEGORY iCARGO FIGITER BOMBER HELICOPTER COMMERCIAL TOTAL
__ _ iiJET

1.1.1 296 8 0* 7 361

1.1.2 19 234 0 * 5 258
1 .1.3 0 0 0 *4 4

1.2.1 667 520 270 * 0 1457

1.2.2 69 125 0 * 12 206

1.2.3 0 18 0 * 6 24

2.1.1 584 586 88 * 34 1292

2.1.2 1325 330 104 416 25 2200

2.1.3 2149 2650 0 0 10 4809

2.2.1 203 1881 0 94 24 2202

2.2.2 621 903 236. 97 11 1868

2.2.3 112 2115 0 89 1 2317

3.1.1 970 791 1364 * 74 3199

3.1.2 486 983 68 * 45 1582

3.1.3 107 375 0 * 14 496

3.2.1 1154 714 1173 * 156 3197

3.2.2 1921 1765 412 96 4194

3.2.3 25 53 355 * 53 486

4.1.1 206 81 0 0 - 287

4.1.2 68 0 0 0 68

4.2.1 761 0 69 0 - 830

4.2.2 326 0 45 16 "- 387

4.3.1 4U. 0 0 o _ j -8Z

5.1.1 33 128 0 * ,- 161

5.1.2 120 0 0 * - 120

5.2.1 0 115 153 55 " - 3230
5.2.2 0 163 0 0 z- 163

TOTAL 12484 14608 4337 767 577 32773

0-O CATEGORY
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<1

-:... Ta,,•=, ,•uk-t u, Failurc r ,.. .......--

E'T RI3R4 C-'RGO F FI•TER SOMBER HELICOPTER COMMERCIAL TOTAL

;-1". 2.37 .39 .03 * 1.21 1.10

1.1.2 15 1.6 .00 * .86 .78

1.1,3 .0 .00 .* .69 .01

1.2.1 5. 34 3.55 . * i .00 1 4.44

1.2.2 .55 .85 .00 * 2.07 .62

.2.3 .C90 .12 .C0 * 1.03 .07

2.1.1 4.67 401 2.27 * 5.89 3.94

2.1.2 1 .6 1 2125 2.68 54.23 4.33 6.71

2.1.3 17.21 18.14 .00 .00 1.73 14.67

2.2.1 1.62 12.87 .00 12.25 4.15 6.71

2.2.2 4.97 6.18 6.10 12.64 1.90 5.69

2.2.3 .89 14.47 .00 11.60 .17 7.06

3.11.1 7.76 5.41 35.27 * 12.82 9.76

3.1.2 3.89 6.72 1.75 * 7.79 1.82

3.1.3 a85 2.56 .00 * 2.42 1.51

3.2.1 9.24 4.88 22.73 * 27.03 9.75

3.2.2 15.38 12.08 6.10 * 16.63 12.79

3.2.3 .20 .36 9.18 * 9.18 1.48

4.1.1 1.65 .55 .00 .00 - .87

4.1.2 .54 .00 .00 .,30 .20

4.2.1 6.09 .00 1.78 .00 -a - 2.53

4.2.2 2.61 .W0 1.16 2.08 - 1.18
,.2• 1• •11" rin nn o

5.1 A .26 .87 .00 * - .49

5.1.2 .96 .00 .00 , .36

5.2..1 .00 . 78 3.95 7.17 .98

5.2.2 . 1O 1.11 .00 .00 .49
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TABLE X. COOING SYSTEM FOR THE COMPREHENSIVE FAILUPRE ¶ATA FORM

DIVISION SIC-DIVISION NAME OR CODE COL. LOCATION( CATEGORY
DESCRIPTION ON IBM CARD CODE(TABLE XII

& FIG. 13a,b)

1. Type of Airframe 1 3 1.1
Structure Landing Gear 2 1 .2

Flight Controls 3 1.3
Other 4 1.4

2. Structural Primary Structure 1 5 2.1
Importance Secondary Structure 2 2.2

Other 3 2.3

3. Part Form Forging 1 7 3.1
Casting 2 3.2
Sheet 3 3.3
Plate 4 3.4
Rod 5 3.5
Bolts and Fasteners 6 3.6
Extrusions 7 3.7
Other 8 3.8

4. Part 7075-T6 01 9-10 4.01
Material 7079-T6 02 4.02

7079-T73 03 4.03
2014-T6 04 4.04
2024-T6 05 4.05
4130 06 4.06
4340 07 4.07
4330 08 4.08
356-T6 09 4.09
7079-T0 10 4.10
'711 VO I' 11 A '21

17-4PH 12 4.12
4335 M 13 4.13
7075-T73 14 4.14
7079-T651 15 4.15
988V40 16 4.16
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I
TABLE X (Continued)

DIVISION SUB-DIVISION KA1E OR CODE COL. LOCATý' : •-
DESCRIPTION 0'i ISV - '-115Y ;:"

5. Surface None/lUnknown 01 12-'3
Treatmnt Anodized 02 :.

Shot Peened 03.
Alodined 04-
Zinc Chromate 05
Shot Peened & Anodized 06
Chea-Milled 07
Chrome Plated 08
Chromic Acid Anodize 09

II

6. Type of Fatigue l 15 1.
Failure Stress-Corrosion 2 6.2

High Static Stress 3
High Impact Load 4
Unknown 5 6.5

+

7. Failure Unknown 01 17-18 i 7.01
Origin Surface Flaw 02 7.02

Bolt or Rivet Hole 03 7.3
Lightening Hole 04 7.34
Tool Scratch 05 7.^5,
Corrosion Pit 06 I 7.0
Sharp Corner 07 7.D7
Internal Flaw 08 t 7.E8
Forging Flaw 09 7.39
Weld Flaw 10 7.1.
Inservice Wear Scratches 11 7.11
Forging Parting Plane 12 7.12

3. Influencing None/Unknown U1 Zu-2i .
Factors Fit-Up Stress 02

Residual Stress 03 -33
Corrosion 04
Stress Riser 05 .
Surface Imperfections 06 ( . ,
Layer of Untempered

Ilartensite 07 8. 7
Excessive Vibration 08
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TABLE X (Concluded)

DIVISIO;I SUiL-DIVISION NAME OR CODE COL. LOCATION CATEGORY
DESCRIPTION ON IBM CARD CODE(TABLE XII

& FIG. 13a,b)

9. Nucder of Actual Number of Failures (NLre) 23-26 (None)
Known Recorded
Failures

10. Written The Alloy, Pdrt Form, (None) 30-70 (None)
Description and Type of Failure
of Failure

li. Aircraft Every Aircraft Has Its Not 73-74 (None)
Code Own Two-Digit Code Listed
Nuimer Number in This

Renort

12. Failure Co.pxnent Failures for 00i and 76-78 (None)
Sequence Each Aircraft are Coded up
Numer in Sequence According

to Part and Failure
Description
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TABLE XI. COMPREHENSIVE FAILURE DATA TABJLATIO,

PART DESCRIPTION WRITTEN DATA FAILURE
*1 2 3 4 5 6 7 8 90 100.

1I 12

"*1-1 4 01 01 1 01 01 0003 7075-T6, Plate, Fatigue 3-7 C(1
I I 1 01 01 2 08 03 0003 7075-T6, Forging, Stress Corrosion 35 C02
1 I 1 01 01 2 03 02 0060 7075-T6, Forging, Stress Corrosion 35 003

4 3 2 09 01 3 01 01 0010 356-T6, Casting, High Static Stress 35 004
1 1 1 10 04 2 09 01 0018 7079, Forging, Stress Corrosion 35 005

1 1 4 01 01 1 03 01 0008 7075-T6, Plate, Fatigue 31 001
1 1 1 04 05 2 03 03 0014 2014-T6, Forging, Stress Corrosion 31 032
2 1 1 07 01 1 03 04 0006 4340, Forging, Fatigue 31 003

3 2 1 04 06 1 02 01 0180 2014-T6, Forging, Fatigue 38 001
4 2 6 08 01 1 01 01 0002 4330, Forging, Fatigue 38 002
2 1 1 01 03 1 05 05 0004 7075-T6, Forging, Fatigue 38 003
2 1 1 16 01 1 11 04 0050 98BV40, Forging, Fatigue 38 004

1 1 4 01 07 1 03 01 0001 7075-T6, Plate, Fatigue 14 301
2 1 1 01 01 2 03 03 0007 7075-T6, Forging, Stress Corrosion 14 002
1 1 1 02 02 2 03 03 0030 7079-T6, Forging, Stress Corrosion 14 004
1 1 1 07 03 2 03 01 0002 4340, Forging, Stress Corrosion 14 005
2 1 1 07 08 2 06 03 0004 4340, Forging, Stress Corrosion .14 006
2 1 1 07 08 3 07 04 0002 4340, Forging, Overstress 14 007
2 1-1 04 09 1 07 04 0001 2014-T6, Forging, Fatigue 14 00O
2 1 1 01 05 2 12 04 0001 7075-T6, Forging, Stress Currusion I4 Uji
2 1 1 07 08 2 02 03 0004 4340, Forging, Stress Corrosion 14 010

1 1 7 11 01 1 03 01 0405 7178-T6, Extrusion, Fatigue 11 001
1 2 7 11 01 1 06 04 0010 7178-T6, Extrusion, Fatigue 11 002
1 1 1 01 03 2 07 05 0016 7075-T6, Forging, Stress Corrosion 11 004
2 1 1 07 01 1 02 04 0002 4340, Forging, Fatigue I1 005
2 1 1 07 L11 2 02 06 0003 4340, Forging, Stress Corrosion 11 006
2 1 1 07 08 1 02 05 0002 4340, Forging, Fatigue 11 007
2 1 1 07 01 1 06 05 0001 4340, Forging, Fatigue 11 008
2 1 1 07 01 2 05 01 0002 4340, Forging, Stress Corrosion 11 309
2 1 1 07 01 2 01 04 0001 4340, Forging, Stress Corrosion 1i 013
2 2 1 07 03 1 07 04 0002 4340, Forging, Fatigue I1 011
1 2 3 05 01 1 03 08 0001 2024-T6, Sheet, Fatigue 11 012
1 2 3 01 01 2 07 03 0001 7075-T6, Sheet, Stress Corrosion 11 013
1 1 7 01 01 2 07 03 0002 7075-T6, Extrusion- Stress Corrosior 11I

*Codes Identified in Table X
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L 7 ~on:'I. jd d-d,

PART 9ESCP!PT',0?% o;PITTE.d DATA FAILURE
1 2 3 4 5 6 7 9 9 iO.

11 12

1 1 1 01 31 2 03 J3 0001 7075-T6, Forging, Stress Corrosio 11 U015
1 1 7 01 01 1 03 02 0001 7075-T6, Extrusion, Fatigue 'II 16
2 1 1 07 03 4 07 04 0016 4340, Forging, inpact Load 11 017
2 1 1 07 01 1 06 04 0001 4340, Forging, Fatigue 11 018
1 2 1 01 01 2 03 02 0001 7075-T6&, Forging, Stress Corrosion 11 019
2 1 1 07 01 5 01 06 0001 4340, Forging, Unknown 11 020
2 1 1 07 08 1 09 01 0001 4340, Forging, Fatioue 1i 921

4 2 6 12 01 2 01 01 0007 17-4PH, Machined, Stress Corrosion 13 001
2 1 1 01 02 2 01 03 0027 7075-T6, Forging, Stress Corrosion 13 002
1 1 1 08 01 2 03 02 0130 4330, Forging, Stress Corrosion 13 003
2 1 1 07 01 2 03 07 0002 4340, Forging, Stress Corrosion 13 004
2 1 1 01 02 2 03 02 0005 7075-T6, Forging, Stress Corrosion 13 005
2 1 1 07 01 2 03 02 0002 4340, Forging, Stress Corrosion 13 006

1 1 1 04 07 3 01 02 0023 2014-T6, Forging, Hign Static Stress 20 001
1 1 1 02 01 2 03 02 0003 7079-T6, Forging, Stress Corrosion 20 002
1 1 1 13 01 1 10 05 0004 4335M, Forging, Fatigue 20 004
2 1 1 14 01 2 01 04 3001 7075-173, Forging, Stress Corrosion 23 005

0 1 1 0 1 3 01 01 0001 70I/5-T6, Forging," Higfi Static Stress 33 001

1 1 3 01 01 1 07 04 0050 7075-T6, Sheet, Fatigue 22 001
1 2 1 15 01 2 07 02 0001 7079-T651, Forging, Stress Corrosion 22 002
2 1 7 01 01 2 07 02 0001 7075-T6, Extrus*ion., Stress Corrosion 22 003
1 1 3 01 01 1 07 06 0078 7075-T6, Sheet, Fatigue 22 004
1 1 1 07 01 2 03 07 0001 4340, Forging, Stress Corrosion 22 005
4 1 1 15 01 2 07 01 0002 7079-T651, Forging, Stress Corrosion 22 006

2 1 1 02 01 1 11 05 0039 7079-T6, Forging, Fatigue 52 001
2 1 1 02 01 2 12 02 0003 7379-T6, Forgin?, Stress Corrosion 52 002
2 1 1 02 03 2 12 01 0015 7079-T6, Forging, Stress Corrosion 52 003
2 1 1 02 01 2 03 04 0001 7079-T6, 4foroing, Stress Corrasion 52 004

1 1 1 01 01 1 09 04 )002 7075-T6, Forgirn, Fatigue 51 001
117 01 11 J3 ^: I J-31 7075-T6, Extrusion, Fatigue 51 002
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list consists of only those significant or major failures which were

identified and cataloged under this program. No attempt was made to

assure that all failures were recorded for the total fleet and complete

operating lifetime.

b. Data Correlation

The coded comprehensive failure data presented in Table XI

is tabulated in Table XII for the various individual categories of interest

in the statistical analysis. The number of failures in each category

and the distribution within the major categories are presented in this

tabulation. This statistical distribution in the various data categories

is graphically presented in Figures 13a and 13b.

3. Data Correlation Assessment

The conclusions that can be drawn from the information in the

previous sections are limited in several ways. The statistical data

from the AFM 66-1, MRR reports, EUR/UR files and the comprehensive data

from documented failures all have limitations which must be understood

before any valid conclusions can be drawn from the data presented.

In the case of the AFM 66-1 and MRR data, their limitations were

discussed more fully in Section II.B.5. These limitations involve the

limited operational time span of the reported data, the reliability of

the data, data interpretation and other influencing factors. With an

understanding of these limitations the statistical data shown in Figures

7 through 12 should represent the general trends with respect to

component failures. Thus, if the total fleet history of failures for
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TABLE XII. COMPREHENSIVE FAILURE DATA STATISTICAl

DISTRIBUTION IN EACH CATEGORY

CATEGORY NUMBER OF PERCENT CATEGORY NUMBER OF FERCENT
(TABLE X) FAILURES (TABLE X) FAILURES

1.1 29 45.31 5.01 43 67.18
1.2 30 46.87 5.02 3 4.68
1.3 1 1.56 5,03 6 9.37
1.4 4 6.25 5.04 1 1.56

5.05 2 3.12
2.1 54 84.37 E.06 1 1.56
2.2 9 14.06 5.07 2 3.12
2.3 1 1.56 5.08 5 7.81

. ... 5.09 1 1 .56

3 .1 4 8 7 5 . 0 0 0...

3.2 1 1.56 6.1 25 39.06
3.3 4 6.25 6.2 33 51.56
3.4 3 4.68 6.3 4 6.25
3.5 0 0.00 6.4 1 1.56
3.6 2 3.12 6.5 1 1.56
3.7 6 9.37
3.8 0 0.00 7.01 10 15.62"

7.02 5 7.81
4.01 22 34.37 7.03 21 32.81
"4.2 6 9.37 7.04 0 0.00

4.03 0 0.00 7.05 2 3.12
4.04 4 6.25 7.06 4 6.25
4.05 1 1.56 7.07 12 18.75
4.06 0 0.00 7.08 1 1.56
4.07 19 29.68 7.09 3 4.68
4.08 2 3.12 7.10 1 1.56
4.09 1 1.56 7.11 2 3.12
4.10 1 1.56 7.12 3 4.68
4.11 2 3.12
4.12 1 1.56 8.01 15 23.43
4.13 1 1.56 8.02 11 17.18
4.14 1 1.56 8.03 10 15.62
4.15 2 3.12 8.04 16 25.00
4.16 1 1.56 8.05 6 9.37

8.06 3 4.68
8.07 2 3.12
8.08 1 1.56
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t.e type of interest to this prograr were obtained, it would reflect

tne trends indicated in the restricted view of these reported failures

that was shown in this correlation section. FiGure 12 summarizes these

results in a gross sense, with the pri-,zr failure areas easily identi-

fied. In order of rumerical occurrences the four primary failure areas

are: Aft Fuselage M4ain Frame (2.1.3); Outboard Wines, Plates and

Skins 03.2.2); Irboard Wings,'Rain Frarre (3.1.1); and Inboard Wings,

Plates and Skins (3.2.1). It may seer ocid that the frare, Dlate or skin

areas should have the areatest number of reported failures in corpariscjq

to the landing gear, however, the sheer n'Jwter of coiponents and possible

crack initiation locations far exceed the other airframe areas. It should

also be realized that a majority of these reported failures are insiini-

ficaw.t or of minor concern in the operation or maintenance of the aircraft.

The critical or sionificant failures may represent coly a small portion of

ti-ese reported failures.

The comprehensive failure data, althoug' not statistically accurate,

does give an indication of those types of failures which are Most signi-

ficant and pose the greatest problem in fleet operation and failure

investigation efforts. As can be determined from Table XVI and Figure 13,

the greatest number of significant failures in the major categories can

be attributed to the following: landing gear (1.2), forgings (3.1),

7075-T6 aluminum (4.01), no surface treatment (5.01), stress corrosion

(6.2), Dolt or rivet hole origin (7.03), and corrosion influence (8.04).

This does not contradict the statistical data fror. the 66-1 and MR

sy-:teps, but rather, it furthe.r identifies the rmore sionificant failures
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anu d :ircuJ-tances involved. Although more failures occur in the wings and

f.,S'_Iage tnan in the landing gear, these latter failures are much wore

significant with respect to aircraft operation and safety. The landing

gear of any aircraft, being one of the most highly stressed parts of the

s:ricture, a snall crack could become a catastrophic failure in a very

s.nort period of tire even in the presence of only small flaws or defects.

Tne wing structure, on the other hand, is also highly loaded in som

areas, however, redundancy and multiple load paths make this part of

tre structure more forgiving. Long cracks in the skin, and sometimes

ir sars, can be tolerated for short periods of time without the risk of

catastrophic failure. The fabricated_ nature of the wing and fuselage with

its thinner materials and many rivet holes provides the basis for large

numbers of cracks. Hence, these correlation results are not significantly

different froui previous views or historical estimates.

Further, study of the correlation data does not reveal many more

significant trends of statistical value, however many observations or

Dostuiations may be possible. It can be seen that certain high strength

raterials, which are prone tc fatigue and stress corrosion, make up the

bulk of the comprehensive failures, and likewise the airframe. These

are such materials as 7075-T6, 4340, and 7079-T6. Also the failure

3riogins, most identified in this investigation are: bolt and rivet

koles, sharp corners, and surface flaws. Other influencing factors of

,ajor inmportance were corrosion, fit up stresses, and residual stresses.

*11 of these trends, nowever, are confined to the data which was

soecifically selected for investigation and represent the most difficult

n-r:-ens, for failure solution. These more significant failure areas and
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causes should, therefore, receive the primary attention in the development

of improved failure analysis methods. Using these individual componen'

failures as a base, the following Section III of the report investigates

the application of fracture mechanics analysis methods and procedures

to the structural failure problem.
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SECTION III

FAILURE ANALYSIS DEVELOPMENT

Attempts to develop improved methods of structural life analysis

have involved various approaches, two of which are: (1) the direct

life comparison and (2) the examination of fracture initiation, growth

and final failure. The primary effort in this program is the second

approach, that of investigating the fracture surface and surrounding

circumstance, with the employment of Fracture Mechanics in structural

failure analysis development. The Fracture Mechanics approach is simply

the application of a definitive and proper stress dnalysis of flaws,

defects and cracks in order to clearly separate and identify the role of

stress in the progression of a fracture. Much has been accomplished in

the development of this analysis method; however, these efforts have

involved simplified or idealized conditions and are based almost exclu-

sively on laboratory test data. The goal of this effort is to project

this analysis methua into the investigation and solution of actual

structural failure problems.

The first part of this analysis development section is devoted to

summarizing the available analysis tools for Fracture Mechanics,

including a review of funLamentals, identification of applicable formulae,

and especially application of the stress intensity concept. These

subjects are intended to provide the reader with some background on

Fracture Mechanics methods to erable a better understanding of its appli-

cation in analyzing specific failures.
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The second part of this section discusses the macroscopic and

microscopic features of the fracture surface which are important in the

Fracture Mechanics approach. The critical examination of the fracture

and identification of specific characteristics or evidence is very

important to the successful application of this analysis method.

The third part of this section provides a brief summary of infor-

mation related to general materials behavior for initiation or progres-

sion of a crack. References or sources of existing failure data on a

wide variety of materials and under various test conditions are provided

as further supporting information for the development of a failure

analysis method.

The last part of this section contains the failure analysis of

actual service failures for which data have been gathered. Analysis

procedures and results are discussed for each failure examined, and

missing or inadequate data is identified in the attempt to conduct and

illustrate detailed and valid analysis methods.

A. Fracture Mechanics Analysis Tools ,

1. Fundamentals of Fracture Mechanics Analysis

So called 'linear-elastic fracture mechanics' forms the basis

of all currently widely accepted methods of fracture analysis. Thus,

it is relevant in discussing improved failure analysis methods to first

review the fundamentals of fracture mechanics. Most important is that

it provides a "language" for which accurate descriptions of failures can
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be accomplished. Moreover, it provides a quantitative means of assessing

design improvements, the effectiveness of improving inspection, etc.,

which is most important to followirg up a failure analysis with suggestion

of improvement or alternately anticipating the propensity for fracture

failure of a design.

a. The Crack Tip Stress Field Concept

Linear-elastic fracture mechanics is based on certain

results of analysis by theory of elasticity applied to crack problems.

The single perhaps most significant result rosies from an analysis of tne

adjacent elastic stress field (surrounding the Iron-linear core or plastic

zone) at the tip of a loaded crack.- For any crack where the crack

surfaces are directly opened due to loading the body (Mode I), the

elastic stress field is (see reference [1] for full derivation):

y = Kcos [1 + sin - sin -]

ax = K cos e [1- sin 2-sin 3r] (1)

K e e 3exy 4 sin cosI-cos-

where the coordinates, r and e and stress components, are as shown in

Figure 14. The surrounding crack tip stress field contains the factor,

K, which ;s formally called the crack tip stress field intensity factor

(or "stress intensity factor"), and which reflects the intensity or
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Figure 14. Stress Field Coordinate System
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magnitude of the crack tip stress field caused by the applied loads and

geometrical shape of the body.

All cracks which are pulled open, regardless of the geometrical

shape of the body or the location or method of load application, have

this same distribution of stress, equations (1), surrounding the crack

tip. Thus, K is a one parameter description, (similar to the Burgers

vector value of a dislocation), of the whole surrounding crack tip

stress field. The non-linear core, embedded within this field, includes

plasticity and other phenomena as well as the fracture process itself.

Now it follows, in assessing the fracture processes or crack

growth possibilities in a body, that it is sensible to view cracking as

a two step cause-effect process:

(1) The applied loads and geometrical shape of a

body determine how much local load shall pass nearby a crack tip which

is reflected by the intensity of the surrounding crack tip stress

field, K.

(2) The stress field as described by its intensity, K,

is the cause of that which occurs within it as its non-linear core

including the fracture process.

Thus, it is clear that the first cause-effect step, (1), is simply an

assessment of the redistribution of load paths in a body around a

crack and, in particular, how much load is transmitted through the crack

tip region as reflected by K. If, as in this document, analysis is
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normally centered on fracture well below the yield point of structural

members, it is completely appropriate to assess, K, by methods of

elastic analysis of redistribution of forces in bodies, i.e., theory of

elasticity. Therefore, one part of fracture analysis is resolved to

determining in terms of elastic stress analysis formulas (or their

equivalent) the applied crack tip stress field intensity, K.

The second cause-effect step, (2), is a matter of the material's

non-linear response at the crack tip as caused by a surrounding stress

field of intensity, K. If, for example, the surrounding stress field,

,ý, is raised to a level which causes self-perpetuating separation of

material, fracture ensues. This level is called the critical value of

crack tip stress-intensity, Kc, which is a property of the material's

crack tip processes response.

Moreover, if an aggressive environment is present whose reaction

rate is influential, then sepdration and fracturing may ensue which is

controlled by K but also time dependent due to an environmental influence.

Or if the applied K for a crack is cycled due to cycling loads on a body,

the response in simple terms is fatigue'crack growth. These are perhaps

oversimplified views of the material's response characteristics (which

are-very complicated and non-linear, etc.). But making use of the crack

tip stress field concept, using K as the local load or stress intensity

variable which can be derived as and computed from elastic stress

analysis formulas, lends a great simplification to problems of

categorizing and measuring in a controlled manner a material's response
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cha racteri stics.

b. The Generality and Limitations of the Crack Tip Stress

Field Concepts

Equations (1) present the elastic crack tip stress field

equations for a crack which is opened (Mode I) in a material whose

elastic properties (constants) are isotropic and homogeneous (on a

macro scale). Figure 15 depicts the three possible modes of crack

displacement with:

Mode I - Directly Opening Mode

Mode II - Planar Shear Mode

Mode III - Anti-plane Shear Mode

y y y

x x x

z

Figure T5. Crack Displacement Modes
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similar to Mode I in that they contain the 1/.r singularity but have

different functions of -associated with each (i.e., different distri-

butions of stress). Thus for full generality, there are three types of

crack tip stress fields (like the types of dislocations in crystals)

each having its own intensity factor, KI, KII, and KI,,. Moreover, the

most general loading (or displacement) of a crack can be described by

the superposition of these three modes. Thus the most general leading

edge stress field requires a three parameter description, KI, K11 and

K II* For a more complete analysis of all three modes, see Peference

[1]. However, in applications to failure analysis, Mode N and Mode III

are very seldom influential. This is because cracks tend to almost

always form on planes perpendicular to principal tension directions which

cause the cracks to open; the material's resistance to cracking seems

to favor crack formation and propagation on such Planes. Therefore, it

is quite appropriate normally to refer to "the crack tip stress

intensity factor, K" when it is meant to ir~plv Mode I or KI only.

In this report, Mode II and Mode III are only occasionally

mentioned in passing and will not be further discussed here. The

reader is referred to [1] for a fuller eyp-.sition of the stress

analysis of Modes II and III.

Cases A-ere tne elastic properties (constants) of a material vary

with direction, i.e., elastic-anisotroDic media are also discussed in

References [1] and [2]. Though the analysis of elastic problers in
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discussion), a summary of the results is relevant. In the most general

elastic anisotropic case, crack tip stress field equations (like

equations (1)) can be derived for each mode. The essential form of

the crack tip field is pre-served in that the 1/ArF(singularity) still

appears in the distribution. Moreover, stress intensity factors for the

three modes appear Kl, KII, and KIII whose dimensional character is

preserved and whose formulas for a configuration and load are usually

identical to the isotropic case. Therefore, in conclusion, elastic

anisotropy does not limit the application of fracture mechanics stress

analysis.

Of course, in the second step of the cause-effect view of crack

extension, i.e., the material's response, anisotropy of the material's

cracking resistance is often rather strong, so that, Kc, and like

material properties are most appropriately quoted with the cracking

direction specified.

In a similar fashion fine scale (compared to crack size, etc.)

inhomogeneity of material can effect a material's response character-

istic. This is reflected by, for example, the effect of material

"cleanliness" on, Kc, etc. Morecver, in recent analysis of large scale

elastic inhomogeneity such as cracks forming on or near the boundary

between two phases'or bond lines between media some results relevant to

large scale inhomogeneity are available [3]. Thus neither anisotropy

or inhomogeneity represent an essential limitation to fracture mechanics
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tut, tnougn they do not make it indpPrupriate for appii-atiS, t,,ey

do make applications just a bit more complicated.

Thus, the application of the stress analysis of linear-elastic

fracture mechanics is not limited by mode differences, anisotropy or

inhomogeneity. It is very general indeed, but it does have limitations.

The basis of fracture mechanics, i.e., appropriate linear-elastic

stress analysis for determination of the intensity of the field of stress

surrounding the non-linear core at a crack tip within which processes

occur promoting crack extension, is really limited in two ways implied

by this description. First, progressive extension of a crack as a

result of processes within the non-linear core (or plastic zone) must be

the mode of failure. This is almost always the case; however, it is

relevant to note the materials such as composites, etc., are often

designed to defeat progressive crack extension (at least on a gross scale

though not necessarily on a fine multiple crack scale). Second, and

perhaps most important, linear-elastic fracture mechanics is most

appropriate only where an elastic crack tip field fully surrounds the non-

linear core or "plastic zone" at the crack tip. Thus, fully justified

application without reservations can be made only in cases where the

crack tip plastic zone is small compared to crack size, net section

dimensions, etc., (in general, all dimensions in directions normal to the

line which is the leading edge of a crack). The compromising effect of

too large a plastic zone is two-fold. First, it creates a situation where

the stress field surrounding the non-linear zone is not that §iven by
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equations (1) (or like equival ents) Lhus Lhe cause of ei-i teria1s

response, e.g., Kc, is not a representative cause of a single type of

stress field of identical distribution to others. Second, with large

amounts of plasticity, the redistribution of forces transmitted through

a member with a crack will not follow the elastic redistribution pattern

sufficiently to fully justify using elastic analysis to compute formulas

or values for the applied K.

The extent to which the size of crack tip plasticity represents a

limitation of fracture mechanics is not fully clear; moreover, it

depends on the required degree of accuracy in applications. For example,

to assure both that the crack tip plasticity will not affect the

surrounding stress field and that the redistribution of forces will make

elastically computed formulas for K applied very accurate, the ASTM E-24

[4] fracture committee suggests test specimen dimensions which are

approximately 20 times the nominal size of the crack tip plastic zone.

That seems sufficient for the rather absolute precision required of

rigidly standardizing test procedures. On the other extreme, the

redistributin oloads transmitted through a body containing a crack is

not so vastly changed with yielding across the whole net section that the

trends suggested by K-formulas based on elastic analysis are much

changed. Moreover, it is not evident for practical purposes that the

crack tip be surrounded by exactly the correct elastic stress field to

evoke much of the same material response for a given elastically computed

applied K. Thus, it is not surprising to find that linear-elastic

fracture mechanics and its modifications are often used with good success
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right iop to net section yielding where the plastic zone size is of the

order of other specimen dimensions. It is simply a matter of degree

of applicability and judgment of required accuracy which sets this

limitation. And it should be pointed out that the clarity of concepts

in fracture mechanics which make it possible to clearly understand

possible sources and degree of error, should not lead to electing

alternate fracture analysis methods with vague concepts where quali-

tative or empirical nature lacks the clarity of unierstanding limita-

tions. On the contrary, it is an advantageous feature of linear-elastic

fracture mechanics that limitations can be clearly understood, and with

experience, the methods can be sensibly and artfully extrapolated well

beyond normal limitations.

c. Crack Tip Plastic Zone Size Estimates; Plane Stress and

Plane Strain

The plastic zone associated with a crack tip has been

andlyzed in considerable detail in recent years using various theories

of plasticity [5, 6]. These detailed analyses have led to a much better

understanding of the physical state inside the plastic zone but also

leave mudiunclarified to date. At least no single method of elastic-

plastic fracture mechanics, has a dominating position to date and

currently the methods simply augment linear-elastic fracture mechanics

methodology. Therefore, here the discussion will center on the first

order plastic zone size estimate dnd a discussion of its usefulness and

implications in extending the applicability of fracture mechanics in

76



fAilure analysis.

Nlearby the leading edge of a crack, the magnitude of stresses and

strains is very high compared to values at som.e relatively greater

distances away. In the wholly elastic situation, the stresses and

strains vary with the inverse square root of the distance away (1/.r) as

noted in equations (1). Within the non-linear or plastic zone similar

high gradients of deformation occur. Thus, due to this high degree

of tensile deformation, the material near the leading edge tends to

shrink due to a Poisson's ratio effect in a direction parallel to the

leading edge. However, the shrinkage is constrained by any surrounding

material which is less deformed. The amount of constraint experienced

by the plastic zone (i.e., a cylinder of material lying along the

leading edge of the crack) depends on the gradients of the tendency

for deformation normal to the leading edge and especially the length

of the plastic zone cylinder compared to its other dimensions.

As a consequence, if the plastic zone accompanying the leading edge

of a crack is constraining by elastic material surrowiding it, and if

the leading edge length is long compared to other dimensions of the

plastic zone, then it is fully constrained against shrinkage parallel

to the leading edge or in a state of "plane strain". Or, if the plastic

zone dimensions are small compared to the leading edge lenqth of the

crack, then viewing the plastic zone as a short cylinder with free

ends, it is relatively unconstrained or in a state of "plane stress".

These considerations are equally relevant for three dimensional cracks
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with curved crack fronts.

However, these concepts are most simply viewed and described

in the case of through-the-thickness cracks in plates. As in Figure 16,

the plasticity ahead of a crack may be viewed as a cylinder running

through the thickness.dimension of the plate. If (as in Figure 16),

the plastic zone size is large compared to the plate thickness, locally

t-.ithin and adjacent to the plastic zone, the material is free to

contract in thickness or plane stress exists:

0z = Txz = Txy =0 (2)

On the other hand, if the plate is thick compared to the plastic zone

size, as in Figure 16, the elastic material constrains the plastic zune

against thickness contraction in the interior, where (relatively) plane

strain will exist:

Cz = Yxz = •yz = 0 (3)

Of course, plane stress would still exist at the free surfaces of a

thick plate.

Since constraint will promote "triaxiality of stresses" and

inhibit yielding, the plane strain plastic zone size is smaller than

that for plane stress. Thus, for the thick plates, the plastic zone

will be a cylinder with flared ends due te plane stress near the plate

surfaces.
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Figure 16. Plastic Zone R2presentation in Plates
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With these views in mind, it is appropriate to develop a size

estimate of plane stress and plute strain plastic zones. From

equations (1), the normal stress in the elastic field on the crack

plane just ahead of the crack is (see Figure 17)

K (4)

If the situation were purely linear-elastic, the resulting stress

distribution ahead of the crack would be as in Figure 17(a). But the

plasticity at the crack tip relaxes the stresses as in Figure 17(b)

in such a manner that from the elastic stresses, the crack appears

to be longer, aeff, than the actual crack size, a, by an amount

proportional to the plastic zone size [7]. From the apparent or

effective crack tip, aeff, the distance to the edge of the plastic

zone, ry, can be estimated from equation (4). The result is [7]:

- (plane stress) (5)

where this result is relevant to plane stress using either the maximum

shear stress or distortion energy yield theories. Making use of

equations (3) instead of (2) to note the three dimensional character of

stress, and adjusting for effects of shape in predicting the nominal

plastic zone size, it is noted that the plane strain plastic zone is

about three times smaller [5, 6, 7] than that for plane stress:
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Figure 17. Stress Distribution Ahead of Crack
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Kr - (plane strain) (6)

The center of the elastic coordinates at aeff is ahead of the actual

crack tip by an amount which should be proportional to the plastic zone

size. Considering the redistribution of stresses due to plasticity in

Figure 17, equilibrium demands that the net area (positive vs. negative)

between the dashed (elastic) and solid (elastic-plastic) stress distri-

bution curves. Simple calculation based on this concept of equilibrium

leads to an effective extension of the crack tip or center of elastic

stress distribution coordinates by an amount equal to ry, i.e.,

aeff- a = ry (7)

This result has been verified by more refined plasticity considerations

[5, 6]. It leads to a total plastic zone wridth of

rp 2ry = - (plane stress)
yp

or (8)

rp 2ry K (plane strain)
3w2yp

Moreover, a more detailed plasticity analysis of the principal slip

directions in the plastic zones shows 450 through the sheet slips in

plane stress and up and down angular slips ahead of the crack in plane

strain. This, in part, explains the 450 slant fracture surfaces in thin
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sheets (plane stress) and flat fractures in thick sheets or heavy

sections (plane strain). Moreover, the partial shear lips for inter-

mediate (mixed) thickness of sheets or on heavy sections is the plane

stress surface effects accompanying constraint and plane strain on the

interior leading edge of cracks. Thus, it is also evident that normally

the partial shear lips formed will be of a width proportional to the

plane stress plastic zone size (normally about the plane stress

ry/2 to ry in size). The balance of discussion of fracture appearance

is left for later sections.

d. Fracture Energy Rates vs Stress Field Concepts

The original Griffith theory and its Irwin-Orowan modifi-

cation base' .-ialysis of fracture on an energy balance approach. The

basic idea wds a similar two step cause-effect concept, as also

discussed earlier, which is as follows: the effect of remote loads on

crack extension in a principally elastic body can be represented by the

plastic energy made available, G, at the crack tip per unit of new crack

surface area created. On the other hand, the material's resistance

to crack extension is viewed as the characteristic or critical energy

dissipated, Gc, crack tip per unit of new crack surface area created

required for continuous separation (or steady state self-perpetuating

crack growth). Thus, the fracture criteria was:

G = (9)

rather than the stress field concept criterion:
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K = Kc (10)

In both cases, the left-hand sides-of equations (9) and (10) are

elastically analyzed causes of the local crack tip conditions promoting

fracture and, In fact, they are equivalent concepts. Their inter-

relationship is derived in detail in [1] and [8] and is:

G = K (plane stress)

(11)

G = (E-v 2 )K2 (plane strain)E

where E is the Young's modulus of elasticity and v is Poisson's ratio.

Thus, (9) and (10) are identical fracture criteria.

Moreover, this equivalence of the analysis methods can be

generalized [1, 2] to include all three modes of crack displacelent, and

arbitrarily anisotropic elastic media, as well as other considerations.

e. Direct Elementary Applications to Material Properties

Characterizing Fracture Behavior

The preceding concepts and discussion of-the crack tip

stress field (elastic surrounding field) and its ;ntensity factor, K,

have built a fairly extensive view of using K as a one pIerameter

description of the local load variable or stress intensity "cause" of

crack extension phenomena. It is, therefore, relevant at this point

to discuss the material's response characteristics or direct "effects"

in terms of this "causew.
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The concept that the crack tip stress intensity, K, can be raised

in a given material to a certain critical level, Kc, at which self-

perpetuating or unstable fast running fracture occurs has already been

introduced. But a given material's fast fracture resistance or Kc

depends on several additional conditions (or variables) such as thick-

ness effects (plane stress, plane strain or mixed conditions), temperature,

metallurgical and manufacturing processing (such as heat treatment, etc.)

and cracking directions (especially with a material whose plasticity

properties are highly anisotropic or materials containing planes of

fairly large scale inclusions or weaknesses, etc.) and other conditions.

.4ost important to discuss are the thickness effects.

For through-the-thickness cracks, the preceding section on crack tip

plastic zones discussed the effects of the plastic zone size to sheet

thickness on constraint. The additional constraint of plane strain has

the effect of diminishing the size of the crack tip plastic zone. Under

these highly constrained conditions, unstable fast fracturing is more

easily proioted. For that reason, a material's fast fracture resistance,

Kc, is a function of the relative constraint ,for which ratio of the plane

strain plastic zome size, rp, to sheet thickness, B is a relevant index.

It is, therefore, common to plot Kc data vs. rp/B to show the thickness

effect as shown in Figure 18 [9]. The data on Figure 18, is evidence

that using the plastic zone size to sheet thickness, rp/B, normalizes the

data with respect to thickness effects. The minimm fracture resistance

(rp/B - small) relates to fully plane strain conditions and the Kc values

in this region are especially labeled, KIc, (or Gic) in the literature

85



800 Rotor Steel WD

400

0

~ 400 -85% Shear

0CUJ US4000-

3000-

2000 -2024 T-3,Aluminum

10020244 T-4 Aluminum

Figjure 18. Plot of Kcvs r p/B for Various Thicknesses

86



and called the 'plane strain fracture toughness."

A useful empirical equation obtained [9] from the data on Figure 18

and other similar data is:

Kc Ic KIc + 1.4 1 (12)

for use where:

12i

rp/B Ic : 1 (13)

It is emphasized that this equation is a fit of the data only at the

lower end of the curves shown in Figure 18 and is thus limited to nearly

plane strain conditions. Nevertheless, it is useful in analysis of

failure conditions which are only 'nearly plane strain" and in relating

then to plane strain values of fracture toughness, Kic, from laboratory

tests. In using equation (12', and similar relationships, caution should

be exercised in cases where materials delaminate in fracturing (i.e.,

separations of weak planes perpendicular to the fracture plane occurring

during fracturing) which causes loss of plane strain constraint from

that expected from simply calculated rp/B considerations [10].

It is also clear at this point why the ASTh Committee E-24

recommended practice for plane strain fracture toughness test has a minimum

size requirement, including specimen thickness, which is
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SIZE (MINIMUM) 2 2.5 2 (14)

This guarantees a very low value of r p/B to obtain plane strain as well

as guaranteeing a small plastic zone compared to other planar specimen

dimensions assuring that elastic analysis methods are appropriate.

Good accurate plane strain values of fracture toughness, KIc, appear

in the literature where these requirements and others have been met (this

is usually only in recent data, i.e., since about 1966, so that older

data should be checked carefully)(see later section for representative

data). Moreover, quoted K values in the literature for thinner specimens

are not determined by a standardized procedure. Therefore, quoted KIc

values from "ASTM-valid tests" may be normally regarded as at least ±10%

determinations, whereas K values should be viewed as t25% determinations

at best. By careful interpretation of such values from multiple tests -

and sources, better precision can often be obtained.

The crack tip stress field concept can also be used to characterize

a material's subcritical crack growth properties [4], i.e., crack growth

due to fatigue (cyclic loads), environment, etc. In early life failures

of structural components, subcritical flaw growth often plays a crucial

role. This is because in subcritical growth of flaws the growth rate

most often accelerates strongly with the crack size as it grows and as

a consequence, most of the flaw growth life is spent in the early stages
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of growth. This also implies that in analyzing the "causes rol

failures, it is usually important to give most attent4on to the early

stages of flaw growth.

Considering the characterization of fatigue crack growth rate

properties in terms of the crack tip stress field intensity, K, is quite

direct (11] since, K, as in equations (1), is a linear factor in the

elastic stress field equations which reflects the influence of applied

load, it must, as a consequence, be linearly proportional to the load.

Thus as the load pulsates, K pulsates in proportion to the load but

with an amplitude which changes with crack size. The rate of crack

growth at any time as it grows my be regarded as "caused' by the

pulsations of K experienced during that time. For cyclic (sinusoidal)

loads with a-superimposed mean load, the pulsating character of K may

be regarded as described by the range of variation of crack tip stress

intensity, aK, and its relative mean value, y = Kmean/6K. (Alternate

descriptions* of the pulsating character of K are possible, but since

AK is a very strongly influential variable compared to y in fatigue

crack growth rate properties, this choice of parameters is very

convenient). Thus, a material's fatigue crack growth properties r11]

may be considered to be a plot of aK vs. the crack growth per cycle,

da/dh, averaged over small but finite increments of growth. Such a

*Frequently, load ratio, R = INHKIKA,a*ý is used along with. K as an

alternate description of the pulsating character of K in recent

publ ications.
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plot is shown in Figure 19 for 7075-T6 aluminum alloy in atmospheric

environmen" (laboratory air).

In fatigue crack growth, although aKm i- the major variable effecting

rates, the relative mean load, q, frequency, f, and environment (from

vacuum or inert gas tc water or hydrogen), are significant variables also

influencing rates. Alloying, heat treatment, stress condition (plane

stress vs. plane strain), etc., also effect rates of growth in moderate

ways. In applying these ideas to failure analysis, the growth of cracks

in structural members can be estimated quite well from data plots such

as Figure 19 adjusted for the less major or minor variables. Some

sources of such data are tabulated later in this report.

As a means of assessing flaw growth life of structural components,

judicious numerical integration of crack growth rate data is suggested

as the best method developed to dat. Attempts to make use of integration

of empirical curves fitting the data are less precise, since as mentioned

earlier, the initial amount of growth of the crack is of dominating

influence because of normal.ly rapid acceleration of cracks. Thus, it is

often only a swall portion of the crack growth data which is of greatest

influence in the life of any one crack. Consequently, empirical fitting

of data is only useful in t.his context only insofar as it fits each small

segment of data well. To daL-e, curve fitting methods have not been

developed in detail to fit each segment of data. Moreover, with all the

variables involved and especially environmental effects, no curve fitting

method has been devised to accommodate these effects [12, 13].
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Figure 19. Correlation of Crack Growth Pates in 7076-T6

Aluminum Alloy Under Sinusoidal Loading[41]
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In a similar manner, the stress corrosion or static environmental

cracking properties of a material can be characterized using the crack

tip stress intensity factor, K, as the local load parameter influencing

(or controlling) the rate (11]. Figure 20 shows a data plot indicating

this concept.

On Figure 20, it can be noted that there is "a threshold for

environmental cracking under static load, often labeled KISCC in the

30

29 Specimen No. I A 0
Speciaen No. 2: 0

0 28 1 st Test
2nd Test 0 0

27 Specimen No. 3:
1st Test ON

26 2nd Test 0

4'-" 25 C /o

24 -

" "2 00
22 A A A

4 21

2 10 dJD' 1000 10,000

Crack Growth Rate,

a2a/At, (microinches/sec)

Figure 20. Crack Growth Rate vs Stress Field Intensity,
Ti-8AI-lMo-lV in 3-1/2% Aqueous NaCl Solution[50]
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iiteraure below which crack growth is very slow indeed (negligible

in the practical application sense). Above this threshold, crack growth

rates are normally quite fast or often so fast as to be intolerable in

a structural component. Thus, in many failures, though the fracture

markings are often most distinct for the onset of final running fracture,

somewhat earlier in the crack growth process rather rapid growth due to

environmental effects ensues with sometimes relatively little evidence

on the fracture surface viewed with the naked eye. Therefore, careful

microscopic examinations of fracture surfaces approaching onset of

final failure markings often disclose rapid environmental cracking.

The significance of this threshold for fast environmental cracking

is being currently further explored especially as influenced by fluctuating

loading [e.g., 12] in the nature of mixed effects of environmental

cracking simultaneous with and interacting with fatigue crack growth.

It suffices to add that these effects should be carefully considered in

any assessment of a failure or a design to prevent failure.

f. More Advanced Considerations and Applications to Fracture

Behavior in Analysis of Early Life Aircraft Structural Failures.

In the preceding subsection methods of using fracture

mechanics to synthesize material properties for the onset of final

failure, fatigue crack growth, and environmental cracking were described

in an elementary way. In the vast majority o0 actual failures, all three

of these cracking phenomena are involved in events leading to failure.

Moreover, they are involved and interacting in a complex manner which
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requires either experience and judwient in their application to a failure

analysis (or design), or test data which directly simulates conditions

from initial flaws to the final failure event.

Moreover, successful analysis of failures frequently involves being

able to dismiss certain details or unknown conditions as not strongly

relevant and to proceed with a simple analysis which gives reasonable

estimates of the events leading to failure. Therefore, it is appropriate

to discuss here some features of cracking behavior interrelated with the

complex loads and envirements common to many aircraft components for which
/-

special considerations are necessary. They are as follows:

(1) Initiation of Cracking - early life failures almost

always emanate from pre-existing fiaws (or accidental damage to a structural

component). Usually, inspection tends to minimize these flaws but does not

eliminate them. All inspection methods have limitations of sensitivity and

dependability.

Upon loading such flaws, they are normally dormant for sma period

prior to beginning growth. If they are in a part subjected to primrily

static loads, and if the applied K level for each is below KISCC, they will

not grow (a significant distance) at all. Moreover, if they are subject to

fatigue loads but where the K level is below a characteristic threshold for

fatigue crack growth again they will not grow. Thus, for small enough flaws

and low enough stress levels initiation of cracking will not take place.

However, due to high performance structures required in aircraft, it is

unlikely that all of the structural components of any aircraft can meet such
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conditions. Nevertheless, it is normal that only the largest of flaws in

the most highly loaded components can meet conditions for the initiating

and sustaining of cracking and often under only the most severe load-

environment conditions.

Hence, it is relevant in failure analnis to examine the initial

conditions for growth of the pre-existing flaw to quantitatively establish

conditions which promoted first growth.

In initiating cracking from a flaw there is also frequently a delay

in initiation (a time or number of cycles to initiation) for either fatigue

or environmental cracking. It is conservative and usually sufficiently

accurate to assume immediate initiation of growth from flaws in failure

analyses. That is to say that initiation is usually only a small part of

the life to failure. However, occasionally the initiation period is signi-

ficant to required estimates of flaw growth life. The methods of determining

initiation times are not now well developed. Simulation testing is, perhaps,

the only currently reliable way to estimate initiation times and even so

the test techniques themselves are not well developed.

(2) The Initial Growth Period in Cracking - immediately

following the initiation period, cracking proceeds at rates which may be

considered normal for crack tip stress intensity and environmental condi-

tions imposed. However, these rates are usually the slowest rates of growth

during the crack growth life since, as mentioned earlier, cracks tend to

accelerate strongly as they lengthen dui to the incre.,se in crack tip

stress intensity with crack size (with rare exceptions for odd shaped flaws
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or unusual loadings). Hence, most of the crack growth life is usually

spent where the crack has not grown far from the initial flaw. Therefore,

in assessing life utmost attention (e.g., examination by electron fracto-

graphy, etc.) should be given to the cracking just following initiation.

Of course, attention should be given to the rmainder of progression of the

crack insofar as it also influences the life of a structural part. More-

over, the success of periodic inspections may depend on catching flaes

following their growth to a substantial size in which case the latter stages

of growth my be of paramemt interest.

In summry, consideration should be given in the relative importance

of the various portions of crack growth with the initial portions usually

of dominating influence in life consideration.

(3) Load Profile Effects (First Approximations) - many

structural components in aircraft sustain complex load time histories.

Frequently, the loads sustained by a component are of a wide variety of

levels, irregularly applied and are applied for a variety of times (equi-

valent frequencies). Moreover, the sine components in two aircraft of

identical types may experience quite different load profiles due to

differences in usage of the aircraft, etc. In order to analyze the effects

of such irregular loadings, some simplifications are in order.

A first approximation to the load profile effects on crack growth

rates is to assume no interaction between load excursions, i.e., no history

effects. In such a case, it is assumed that during a load excursion the

current crack growth rate is not effected by past load excursions, nor by
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how long loads may have been sustained in the past. The crack growth rate

could then be computed for fatigue, as described in Figure 19, the range of

crack tip stress intensity, AK, or for environmental cracking, as in Figure

20, from the applied K value. Moreover, it is relevant in cases of

combined effect of fatigue and environment to simply add the effects of

simultaneous action and neglect interaction as a first approximation [11,

12, 14, 15]. That is to say that if a load excursion causes the stress

intensity, K, at the tip of a crack to exceed the threshold for environ-

mental cracking, then the fatigue crack extension due to the AK from the

load excursion andthe environmental crack exteniion from the times K is

above the threshold can be computed from data such as on Figures 19 and 20

and simply added to form an estimated rate of growth under combined effects.

These first approximations, neglecting interaction effects and past history

effects, always give the correct order of magnitude of crack growth rates.

Usually, they are within a factor of three or better on estimating growth

rates. And even in cases where better precision is desired, they can be

used to first estimate if there is a real problem. For example, if the

estimated growth rates lead to a prediction of a life more than ten times

that required in some componetit (which is sometimes the case), then an

immediate conclusion can be reached that there is no problem (or on the

other handtIf ten times less than required, the problem is exceedingly

bad).

One simplification in addition to those mentioned above, which also

applies to more refined estimates, is associated with components subjected

to load spectra of very many levels. In such spectra, there are normally

very high loads with very few occurrences to very low loads with extremely
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large numbers of occurrences per unit aircraft life (frequently based on per

100 flight hours, etc.). In assessing the relative effects'of highI, medium

and low loads and the respective nmber of occurrences on fatigue crack

growth, frequently one of these load leve7 bands is of overriding importance

to the others. That some levels can be ignored within the precision of the

estimate being made of crack growth rates is an often overlooked simplifi-

cation. Moreover, the time rate of application (or equivalent frequency)

of loads in each load level band is oftei different and relevant if environ-

ment enhanced fatigue crack growth is present. Therefore, finding that

certain load level bands my be reasonably ignored in crack growth estimates

leads to also concluding that less laboratory data, on effects of frequency

on environment enhanced fatigue crack growth, is needed to make such

estimates.

These above types of simplifications have been used, and appropriately

so, in the analyses of actual foilures which follow later in this report.

(4) Advanced Load Profile Considerations - the preceding

first approximations on load profile effects ignore past history effects on

both fatigue and environmental cracking rates. This may lead occasionally

to slight overestimates of crack growth life (by factors as large as say

2), but, fortunately, normally leads to underestimates of life (by factors

frequently as large as 3 or more). Therefore, the above first approxima-

tion estimating procedures are normally conservative approximations, which

is a desirable tendency in a first estimate. However, in critical appli-

cations where more accurate life predictions are required even such conser-

vative underestimates may be of a highly undesirable lack of precision.
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Therefore, where greater precision is desired, past history, i.e.,

_load excursion ordering and time effects, must be taken into account. This

can be taken into account directly by performing crack growth tests where

the actual load profile expected in service is used, and the data is compiled

in an equivalent rnnner to Figures 19 and 20 (where time or cycle iumbers

be replaced by flight hours, etc.). However, since an aircraft'acts as

t anical (dynamic) filter of the applied loads, actually each component

aný frequently portions of components experience quite different load pro-

files. Therefore, many tests with many different load profiles (as well as

environments, freqoencies, load ratios, etc.) would have to be accomplished

in o'der to fully analyze a single aircraft. It is usually simply not

economically feasible to take such an approach.

A much more reasonable approach is to make first approximation esti-

mates of crack growth lives, as discussed above, for the multitude of

components in an airdraft. This enables sorting out the few crucial

components or areas of certain components where early life failures might

be iminent. Consequently, the high precision calculations and/or tests

can be concentrated ovi critical components. This limits the task but does

not always eliminate the possibility that it is still quite enormous if

undertaken as a test program utilizing actual load profiles for each

critical component and area selected. More precise estimates of crack

growth life including past history (load ordering and time) effects are

desirable to resolve such situations economicaly and expediently.

For such estimates of the effect of past history on crack growth rates,
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it Is necessary to understand more about the phy-'ical nature of these

effects. Observatlos to date note "delays" in crack growth due to fatigue

and/or environment following a previous excursion to a higher load. The

higher the previous excursion, the longer the. delay'. The "delay" is b,I some or In some instances regarded as a stopping and reinitiation of crack

growth where others or other instances observe slowing to below normal

rates and later regaining normal rates of growth. Blunting of cracks,

crack division, residual stress due to the plasticity caused by the high

load excursion and crack surface interference have all been cited as

possible causes of this effect. Moreover, large negative excursions in

"loads have been also observed to cause some temporary crack acceleration

but the effectc c., overall life are noted to be much smaller than the

"delay" or "overload" eifects. Though some very limited quantitative data

does exist on these phenomena, it is too specific and incomplete to

warrant an exposition here. Moreover, the "mathematical models" of these

effects are neither tested nor complete enmigh to warrant specific mention.

It suffices to say that "delay effects' exist and that if in practice they

are to be taken into account to eliminate a large testing program, then

hhat is to be recommended as an interim measure is a small testing program

to evaluate the delay effects for the individual aircraft components of

special interest by testing their materials in the load ranges (especially

aK ranges), environments, frequencies, load ratios, etc., of interest to

Oevelop special experimental-empirical models useful for relevant

predictions.

With even a crude model or limited data on delays, the first
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approximate estimates mentioned above may be improved. Similarly, having

environiental control (simulating-actual aircraft conditions) of fatigue

crack growth test results at relevant freqi cies and load ratios also

enhances such estimates. These enhancements are real but even with the

best estimate calculating, the crack growth life of a known specific flaw

can sledom be done within a factor of 2. Nevertheless, such calculations

are relevant and useful in failure analysis and design.

(5) Flaw Detection - flaw detection may be regarded as the

weakest link, in analysis.of crack growth lives of actual structural

components. In postmortem failure analyses, one can trace back to the

flaw and accurately measure its size as a usually simple part of the pro-

cedure (see later sections); thus, it presents no special difficulties in

that case.

The reason flaw detection and measurement are especially crucial in

life estimates returns to the fact emphasized earlier that flaws accelerate

rapidly with size. Hence, life is strongly dependent on initial flaw size.

Nondestructive flaw detection systems such as ultrasonics, radio-

graphy, etc., all have detection limits which depend on flaw type, location,

orientation and equipment details and operator. Thus, specifying a detec-

tion limit is highly variable and at best statistical in nature. A factor

of 2 variability in detection limit is probably an uhderestimate of the

norml factor. Moreover, usually a factor of 2 on flaw size means a factor

of 2 to 4 (or more) error in prediction of flaw growth life.
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TIICEfore, if life amust bt quaaeed t exceed a rerta-I valu,, it

seems reasonable (and experience bears this out) that flaw detection

systems must be an order of magnitude more sensitive, based on flaw size,

than the flaw sizes which must be eliminated. Even then the statistical

nature of these systeissieaves a small probability that a critical flaw

may be mnissed.

"Ie alternative procedures of using proof testing (or in addition with

acoustic emission crack detection equipment) are very promising ana

practical for all types of simple structures with simple (quiet) loading.

However, they have the strong limitation that they only detect flaws which

-re nearly as large as in-service failure sizes. Moreover, proof testing

alone is a destructive method of finding flaws larger than detectable size.

Again, there are also circumstances in which flaws larger than normally

detectable might be missed (e.g., blunt flaws which might pass a proof test

4,rior tý sharpening and failing, or flaws which have been somehow yiplded

in material ,rocessing limiting their ability to emit acoustic signals,

etc.).

Flaw detection is similariy a problem in in-service periodic

inspection, as a least rel'iable link in guaranteeing no failures by setting

appropriate inspection intervals using the flaw growth life calculation

methods described herein.

In summary, the methods described herein permit very simple order of

mgnitude estimates of flaw growth lives, thereby identifying problem

components in aircraft structure susceptible to early life failures.
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Successive refinements in these methods leading to better precision rely

successively more heavily on elaboration of calculations and more refined

data as required to identify critical components where full simulation

testing or equally accurate elaborate tests and calculations are required.

In all of these calculations as well as in tests, the methodology and

descriptive material parameters are based on utilization of the crack tip

stress intensity factor concept. Therefore, it is of importance to be able

to calculate or estimate with some reasonable accuracy (t5% desired if

possible) the applied K-formulas for complex components with a wide variety

of flaws and subject to a variety of loadings. This is a separate task

based on deriving formulas using the boundary value problem techniques of

theory of elasticity for linear-elastic fracture mechanics applications.

The sections• to follow will be devoted to a discussion of K-formulas end

estimates.

2. Formulas and Estimates for Applied Stress Intensity F0ctors

A compilation of formulas for stress intensity factors and an

exposition on common methods of deriving such for.iulas is to be found in

Reference [1]. Moreover, some methods of formulating estimates of K, i.e.,

estimating formulas, are also found in Reference [1]. Though this

reference was published some years ago, no more extensive compilation is

now available which includes the many significant formulas and estimates

der' ed since that time.

'In typical aircraft structural components, cricks tend to grow most

frequently in dreas of high stress, i.e., at stress raisers, and have
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complicated often irregular shapes initially and during growth. This

complicates the problem of developing estimates ef applied K with reason-

able precision; however, with experience and careful study, such

estimates are normally possible. Occasionally, in extremely complex

redundant structures with residual and/or fit-up stresses present, even

local stresses (with packs present) are difficult to estimate with

desirable precision. In such cases, it is hardly the fault of this

analysis method that local stresses or loads are not well known. And

since these local stresses will have a strong influence on flaw growth

life, it is assured in such cases that no high precision method will be

really successful short of determining those unknown stresses or their

equivalent. However, in such cases bounds 3n stress, such as the yield

point, may be used to find bounds on applied K so that extreme lower limits

of life may be calculated for areas where actual stresses and, therefore,

actual lives are uncertain. These lower limits usually will give life

bounds so short as to frequently be a not very useful exercise, however,

they are sometimes sufficient to guarantee enough life between inspection

intervals to be a sufficient design estimating technique.

Therefore, in any event, it is relevant to illustrate herein methods

of estimating K-formulas for flaws near typical stress raisers in aircraft

structure. The most commnon stress raiser is a round hole from which a crack

emanates, so it will be used as th )asic example. Moreover, the solutions

and estimating techniques contained in Reference [1] will not be reaeated

here, but are recommended as preliminary material for study.
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other typical recent advanced estWiates for particular fla_ corfia-

urations will also not be repeated, but for example for surface flaw

K-formulas the many works of Tiffany and Kobayashi (The Boeing Compaiy and

University of Washington) are recommended to the reader as an illustration

of the elaboration and precision which may be incorporated into K-formula

estimates. The remainder of this sub-section will be devoted to a

discussion of the stress intensity analysis for cracks adjacent to

circular holes in a uniformly stressed plate since it is one of the more

frequently encountered conditions.

The two dimensional stress analysis of a through thickness crack

emanating from a round hole in a plate subjected to uniform uniaxial tension

has been treated by Bowie[40], and his solution is tabulated in Table XIII.

One of the cases he treated is depicted in Figure 21. For this configur-

ation, he found that the crack tip stress intensity was

K = (L) 1 12 F() (15)

where F(L/R) is plotted in Figure 21. These results are correct within

about t5% when taking into account uncertainties due to three dimensional

effects (provided that the hole is of the order of the plate thickness or

larger).

As an example of estimating procedures, the results-can also-be approx-

imated from other solutions as follows. The stress concertration factor

at the edge of the hole is 3. Therefore, for shallow cracks, (L<<R) one
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TABLE XIII. STRESS INTENSITY FOR A CRACK
EMANATING FROM A HOLE

1 1/2

L/R F(L/R) (339) + Best Estimate
[Eq.(15)] [Eq.(16)]

[Eq. (17)]

(lower bound)

0 3.39 3.39
0.1 2.73
0.2 2.30
0.4 1.86 (1.73) (1.90)
0.8 1.47 (1.32) (1.45)
1.5 1.18 1.03 1.13-
3.0 0.94 0.91 1.0
5.0 0.85 0.84 0.84

- 0.707 0.707 0.107

- K = o-L F(L/R) jUpper Bound
*Lower Bound
ECut of Range of

3.0 Applicability
0 Exact Value
ABest Estimate

S2.0

1.0 --

Asymptote

1.0 2.0 3.0
L/R

Figure 21. Bowie's Factor for Cracks Emanating from Holes

106



can view the problem as an edge crack in a semi-infinite plate for which,

K = 1.12(3a)(AL) 11 2  (L<<R) (16)

It should be noted that as the crack deepens, it quickly runs out of the

3o concentration of stress and the hole is more constraining than an

infinitely long free surface. Consequently, Equation (16) rapidly over-

estimates K as the crack becomes larger relative to the size of the hole,

(it is an upper bound).

On the other hand, if the crack is fairly large compared to the size

of the hole (LR), it can be viewed as equivalent to a crack of total

length L + 2R. Using the solution for a crack alone in an infinite plate,

K = [ j (L+2R)] 1 12  (L>R) (17)

For the crack length to hole radius ratios of interest (L/R>1),

Equation (17) would underestimate the stress intensity K since the hole

would remove some constraint for deformation. But this effect would be

small, probably about 10, and would decrease for higher L/R values.

From the approximate Equations (16) and (17), one may form a best

estimate solution for the correction" factor F(L/R) in.Equation (15). These

are listed in Table XIII in coluams 3, 4, and 5. The final columi is the

best estimate solution formed in the following way; for L/R--O, Equation (16)

is used and F=3.36. For L/R=-0.4 to 3.0, the values were obtained from

107



Equation (17) with 1O0 added as indicated previously. At L/R>3, the 10%

has been dropped since the error in Equation (17) should diminish for

higher L/R values.

These estimated values are then plotted on Figure 21 and a smooth

curve drawn between the listed values. The values from Bowie's analytical

solution, Equation (15), are also shown on Figure 21, so that the accuracy

of the best-estimate curve can be compared to them. The results show the

confidence that can be placed in estimating procedures.

Now, one should proceed to estimate for the quarter-elliptical flaw

adjacent to a circular hole. Quantitative estimates will be stated in

order to describe expected growth characteristics. For the quarter-

elliptical flaw, the stress intensity, K, varies (continuously and

smoothly) along the crack front. Therefore, it is appropriate to estimate

the stress intensity at three locations, A, B, and C on Figure 22.

In order to make the estimates, some basic solutions are required.

For an embedded elliptical flaw in a uniform stress field, Irwin's results

are

K = a 1/2 1n 2 cos21)1/ (18)
0o c"

where 0 is the complete elliptic integral of the second kind.

v12 2 a2  2
o =oI [1 _- a sin2e]l/2de (19)
o 0 c

The notation is further defined in the sketch of Figure 23.
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Figure 22. Quarter-Elliptical Flaw Geometry
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Figure 23. Notation for Flaw Geometry
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For A, B (a = 450) and C on the ellipse with no corrections for the

hole or plate surfaces:

KA =O(,a) 1/2

A 4

o)1/2 r 2 2 1/4

KB 0  L 2 _ (20)

KC 
112

where p=a2 /c is the end radius of the ellipse. However, if the shape is an

oval, which is not exactly an ellipse, it is evident that the actual end

radius p should be used in the formulas rather than a2 Ic, to get a best

estimate.

In applying Equations (20) for a quarter ellipse near the hole and free

surfaces of the plate in Figure 22, corrections should be made. For the

various effects they are:

a. Near a round hole in a plate the stress at the actual loca-

tion of the point of interest (A, B, or C) should be used or (see Figure

22.)

1 R 2 +3(R 4(1
('ACTUJAL G~ Y = cF (21)

b. The approximate corrections for a crack emanating from a free

surface is a factor 1.12.
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c. The effect of a crack front approaching a nearly parallel free

surface is a strip (which has no bending rotation far away from the crack.)

is

rt "tan aeffl112  
(22)

ta ef r 7F22

which should be applied directly to A, with the effective crack depth

aeff = for B, apd not at all at C.

d. For out of shape ellipses, for B and C, a best approach to

estimating p is not to use a2 /c. but to use the actual end radius, p, but
i2

with the value taken limited by a2/c < p < a (or c whichever is smallest).

This rule of tlhub accounts for any out of shape errors approximately and

reasonably ir this analysis.

Applying the corrections, Equations (20) become:

K I.12(3a)ra 2tlt a
A r0Raa 2t

3 RR2+ 4
2 L' +2a' +) 2~: e+ a- 17+2

"Bý 2

2t 2 tniE a+~2 - (23)

+c2 2(r =R+a)

+.2 [1 ~( R 2 + 3

Kc 2RJo (r=R+c)
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These formulas, Equation (23), are rough estimates (_10% to 15% for

a/t < 1/2, and 20% to 30% for larger a/t vaTues) and subject to some

improvement. However, for their immediate purpose of analyzing the growth

patterns of flaws adjacent to holes, they are sufficient to fully show all

trends in beha•,ior. Moreover, by estimating errors by alternate analysis,

further improvements can be made in values for particular cracks (±101).

Some further irregularities in the progression of typical crack front

shapes from a hole are shown in Figure 24. In the typical progression of

shapes shown, some new cases .of shapes, for which K might be estimated,

emerge.

For the shape shown in Figure 25, the ellipse with a greater than c,

at A one may estimate

K = 1.12(3a) /y•p (24)

(24

where the roles of a and c are interchanged in computing p and #0 from

those in the previous examples (*201 accuracy). For the case shown in

Figure 26; where the crack has grown through the plate at A but not

elsewhere leaving a long S-shaped front for which one might estimate that

at A:

Kav-. F(d) ( )1(25)

where the factor (t/t-a)112 is that usually used for side grooved

specimens, and F(d/R) is as in Table XIII (*201 accuracy).
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A

Figure 25. Crack Geometry for a > c

HdH

t I

Figure 26. Partial Through-Crark Ierm'n•try

Other estimates and refinements of formulas could follow, but these

examples, Equations (24) and (25) are sufficient to illustrate that

calculations can be performed on the growth pattern of cracks to estimate,

for example, rates of growth or arrest positions, for regular and odd

shapes of cracks appearing near holes.
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Fracture Examination and Identification

1. Macroscopic Aspects of Fracture

a. Introduction

Macroscopic fracture markings are used to establisn

direction of fracturing, the region of fracture initiation, and (when

possible) the nature (size and geometry) of the defect which assisted

development of fracture instability. Depending on circumstances and the

skill of tne observer, it may also be possible to establish approximate

values for the fracture toughness and for the stress levels across various

regions traversed by the fracture path(s).

A binocular microscope with lOx to 10Ox magnification is desirable

fcr good macroscopic viewing of fracture surfaces. Howevpr, during

initial examinations, use of such equipment is rarely feasible. Thus, the

primary equipment with which one approaches the initial examination task

consists of various hand lenses, a strong flashlight, a tape measure, and

some cleaning equipment. For cleaning purposes, an inert solvent such as

acetone and occasionally a soft bristle brush are useful. Compressed air

and various other mild cleaning liniids ;a"_ aion aipnf,_. Jud•.ne._..t i4

necessary with regard to removing surface material which was deposited

after the fracture failure while, at the same time avoiding removal of

fracture surface stains which occurred prior to final fracture failure. In

the case of fractures of special importance, a considerable amount of

additional examination of samples from the failure using laboratory
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working conditions and equipment will be needed. Custorarily, tne

planning of this laboratory, work is done during or inmediately after

initial examinations. The efficiency of this work is greatly assisted if

the examinations are guided and carried through with a good understanding

of macroscopic fracture oehaviors based upon fracture rechanics.

A brief review of macroscopic crack extension behavior patterns in

association with fracture mechanics is ;iven in reference [14]. A more

extensive review of similar kind is given in reference [15]. Reference

[16] discusses techniques of macroscopic fracture examination in consid-

erable detail. The selection of topics to be discussed here is as follows:

progressive fracturing, fracture failure examinations, running crack

behaviors, estimates of K basel upon plastic strain near the fracture,

flat tensile and oblique shear separations, direction of fracturing, and

typical starting crack defects.

b. Comments on Progressive Fracturing and Fracture Failure

Examinations

Progressive fracturing occurs by the growth and joining

of small advance separations near the ieadinq edge of a crack. When the

load on a metallic comnent is increased at a moderate rate until

fracture occurs, examination of the fracture rarely shows more than one

starting region for the entire separation. Thus, the expected fracture

pattern is one which spreads out by progressive crack extension fror a

single primary-origin region. The consistency of this behavior deDends

upon the improbability of crack propagation develooing simultaneously
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from r-zre than one "worst defect, and upon the quickness of fracture

prcpagation. Only the competitive "worst defects%, located near t:re

fracture path are expected to be revealed by the fracture. Witn increased

speed of loading into a time range smaller than the lowest vibration

periods of the coponent, the probability of nore than one rrirary

fracture origin is greatly increased.

Methods of recognizing the direction of fracturing will be expiained

at a later point. A low stress structural fracture always has a single

primary origin and use of fracture direction markings usually perrits

unamiguous identification of the region containing this origin. However,

in the case of structural fracture failure of an airborne airplane,

malfunctions related to the first fracture event may cause aerodyrauic

loads which result in additional fracture patterns while ground impact,

combustion, and explosions may be expected to cause .wuch additional

fracturing.

After as many failed parts as can be found have been asserbled, the

failure analysis task should center attention upon establishina the tine

sequence of the various separational events. To do this, one looks for

fracture origin .- -ns,, that is, rositio'n~s f.- h. +_he seharatio

spreads out in opposite directions. Each individual crack segment termin-

ates at a point of crack division, an intersection with a free edge (or

surface), or a low stress fracture arrest region. Thus, families of crack

segments, each related to a single origin are mapped out. Families of

this nature which correspond to a single stress pattern and which have
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i Se_••se sr ral conrections -ust nave develoDed nearly simultaneously. A

.ery :iose szacing of origins and short segrents prior to crack division

:aic: 6itr, otner evidence) would correspond to explosive type loading

sTeeC.

-he free edges (or surfaces) introduced by any one farily of crack

segrents usually provide end-points for crack segments pertaining to other

fa-4-ies. T-e timie sequence of the various families of crack segments,

.es -.. a:-isned should indicate a single crack patterr (or a single group

c• closely spaced cracks in the case of a sudden impulse or explosion)

%nich clearly haopened prior to other cracking. Attention can then be

ce-tered upon -ne origin region (or regions) pertaining to the initial

sracz.ing as a reans for deciding whether this fracture occurred at a stress

level LelK t'-e loads conterplated in design or whether the primary origin

occurrea fror a nigh stress overload.

L;nfortunately tne assembl•bd Darts may be incomplete. Furthermore, it

is possible for aerodynaric and other factors to "disconnect" the primary

fracture origin fror, the balance of the fracturing. For example, in the

case of a '%avy developed aircraft, two flight trial planes were lost before

tnese accidents were traced to fracture of the elevator control rod.

Fracture of this rod caused the tail of the airplane to rise rapidly

tnereby generating critical stress conditions in the wings; it was

initially concluded that wing fracture surface markings were associated

witn breaking of the wings fror norr-et force on theJr upper surfaces.

'ý,en a service fracture failure of substantial complexity happens,
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missing information and odd circumstances are nori t:t .,a :r1,

Indeed, it is not always possible to find a clear ex-lara:ri. -'I sUC,

situations, it is necessary to obtain the maximLr, infor-ation :oss'z.e fr:•

knowledge of the most probable load patterns and fro-, suc'- fra:-_-e

patterns as are available for study.

c. Running Crack Behaviors

Figure 27 shows a schematic view of a region of •1ast-c

strain (slant shading) at the leading edge of a crack. The ccordinates, r,

e, and x, y are also shown. x is the direction of expected crack extens"on.

For the tensile fractures with which we are mrainly concerned, y is tp.e

di rection of largest average tension across the region ahead of tr'e crac<.

From. linear stress analysis, the y-direction extensional stress, 4,s

given by

k cos + sin s in 6

This is an approximate expression valid when r is substantially larger

than ryS while remaining very much smaller than distarces fror t:he leadinc

edge to free surfaces or points of load aDliication. K is tne stress

intensity factor, a function of the applied load, of crack size, anc of

other dimensional factors.

WMen the equations for 7x and Txy are considered alonc with

equation (26), one finds that the largest prlnci:1e tension for a civene

value of y is maximum along e=-/3, and at this z value, agrees in c-rectio-
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I r . From equation (26), tne angle function portion of the ex:ress,:on

,as tne magnitude 1.3 for L=vi 3 and is eaual to unity for L=G. At tnis

point, one should recall that progressive crack extension in structural

.metals occurs by growth and joining small advance separations. Fror' this

one can readily understand why fracture urfaces tend to be rough. Ir

addition to the random location of points of weakness, the opening of

s.mall advance separations at locations above and below the x-axis line is

obviously favored by the nature of the leading edge stress pattern. On the

other nand the average direction of crack extension (in nearly isotrooic

material) remains normal to the direction of greatest tension. Exceptions

to this occur only after the development of net section yielding.

nhen a moving crack approaches a free boundary (the edge of a plate or

a prior crack), the crack can be expected to approach the free boundary

along a line which is perpendicular to the boundary. This is necessary

because, near the boundary, the direction parallel to the boundary is the

direction of largest tension. As plastic yielding develops across the net

ligament prior to final separation, weak oaths for separation tend to

develop along lines of largest shear deformation, and the final joining of

the crack to the free boundary usually follows an oblique shear path. The

norm.al orientation tendency of the crack approaching a free boundary and

the oblique shear during the final separation supplement direction of

fracturing judgments in the establishment of crack segment families and in

deciding ,on the time sequence of fracture events.

Tne average speed of a running crack is balanced against the tensile

driving force, K. For a given K there is a fixed average speed of crack
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extensi3n. The crack speed increases and decreases in phase with changes

o I--e K value. However, the increase of crack speed with increase of K

:•rs toward zero as the speed approaches a limiting value such that

att_•Dts to drive the crack at a speed higher than the limiting crack speed

resIt .n crack division. (See Figure 28.)

The initiation of rapid fracturing by increase of the K value at the

leading edge of a stationary crack and the arrest of rapid fracturing with

a sufficient lowering of K tend to occur in an abrupt manner. The special

( values for crack division and crack arrest are material characteristics

for a given raterial, plate thickness, and temperature. The K value for

onset of rapid fracturing may also be regarded as a material property.

,See Section C for representative fracture tougt.ness material property

data.) However, this K value depends also on speed of loading (for rate

sensitive materials) and on the "bluntness" condition at the leading edge

of the initial crack. The main emphasis in crack toughness evaluations

has been upon determ.inations of the K value for onset of rapid fracturing.

For such determinations, the practices currently favored require

"sharpening" of the leading edge of the initial crack by a segment of low

amplitude fatigue prior to application of the testing load.

Figure 27 shows the size of the leading edge plastic zone as 2r y. This

is based upon use of r as a crack size plasticity adjustment factor where

1 K2
r 21 K (27)

y -- y

The positioning of the linear analysis model leading edge at a distance
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Figure 28. Schematic Representation of Crack Extension Behaviors[14, 153

Curve A: Fast-Stable Regime

Curve B: GIC Trend for a Rate Sensitive Steel

Curve C: Possible Effect of Large Increase of Crack Size
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r ahead of the apparent leading edge of the crack improves the fit of the

linear analysis stress field to the actual stress field and permits

practical use of the corrected linear analysis up to stress levels necili

large enough for general yield;ing. The nominlal size of the plastic zone,

2ry, is given by

2ry = 1K (K (28)
y

Where we are concerned with thr6ugh-cracks extending in a sheet or plate,

ay is the uniaxial tensile yield point.

When the plate thickness is large enough in relation to the plastic

zone size, the fracture will (normally) show a flat tensile appearance in

central regions bordered by shear lips. In suchcases, a rough estimate

of K can be attempted based upon the empirical assumption that the width

of each shear lip is roughly equal to ry. Such estimates are of limited

value unless they can be substantiated inmother ways. In some materials

the plastic deformation which would normally precede oblique shear

fracturing can develop and, either from rapid strain aging or some other

reason, the final separation will occur in the flat tensile matter.

Certain heavy section steels (oYS K-RSI) at 200°F and 2024-T3 aluminum

alloy in 0.5 inch or greater thickness at room temperature provided

examples of this be-havior. Formation of shear lips can also be suppressed

by a brittle surface layer as from nitriding of a steel. In general, when

the plastic zone size is comparable to or larger than the plate thickness,

the appearance aspect which serves best for making a judgment of crack

124



toughness or K value is the thickness reduction.

Trials of plate thickness reduction measurements have been rade durinq

crack toughness testing with the measurement points centered in the opposing

plate surface dimples adjacent to the apparent leading edge of tie crack.

K2  (9
TR Ea

From trials at several laboratories [19], the results could be approximately

represented by equation (29), where TR is the thickness reduction. The

correlation with equation (29) tended to beccre Door when the nominal plastic

zone size, 2 ry, was less than the plate thickness. When 2ry was comparable

to or larger than plate thickness, the measured values tenead to lie in the

range of 85 percent to 100 percent of the value predicted by equation (29).

When the measurements were made after the plate had been unloadea by

fracturing, it was noted that addition of the yield point strain to the

measured value of thickness reduction assisted correlation of the reasurement

result with equation (29). The theoretical basis for estimates of K from

tht above equation, while plausible, is incomplete and is not discussed in

this report.

d. Direction Indications for Flat Tensile and Oblique Shear

Separations.

As noted earlier, locations of points of weakness ahead of a

moving crack tend to be random and the stress field favors advance separa-

tional developments above and below the line of expected crack extensior.
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Crnsder rext -c natural i -~p of the 1-eAdinn edge nfarltvi rt

crack traversing a plate. For the plate region surrounding the leading

edge, the crack opening constitutes in-plane bending and a tendency toward

anti-elastic curvature [47] would be expected at the fracture surface.

Correspondingly, the leading edge of the crack should have an arc shape.

If there is no out-of-plane bending, the crack should lead slightly in the

center plane region of tVe plate. Secondly, the natural crack speed for a

given K tends to decrease with increase of the fracture work rate. Thus,

an increase of the lag of the crack at the free surfaces of the plate is

expected because the fracture work rate is larger there. The lag of the

crack pernits larger effective K values near the free surfaces. This

assists the free surface fracturing to "keep up" with the speed of crack

extension at the plate center.

In central regions of the plate, the advance separations which are

furthest from the line of crack extension introduce fracture surface level

differences. The joining of the region of separation associated with each

such out-of-plane advance origin to the main fracture surface tends to

occur along a "tear separation" line. Such lines are best seen with the

unaided eye or low magnification. They tend to spread out from central

regions of the plate toward the lagging regions of the fracture at the free

surfaces. The common term, for these lines is "chevron markings'. Where a

central advance separation produces "tear" lines with a chevron appearance,

the chevron opens in the direction of crack propagation.

When reduction of magnification fails to reveal marking of the above

chevron type as indication of fracture direction, one can only conclude
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that these markings were obscured by the overridino size of inherent

planes of weakness in the material. These are of two k"-ds:

(1) The planes of weakness may be solidification boundaries

or grain boundaries as in the case of certain cast magnesiun alloys. In

such cases the extent of the fracture path on individual facets may be

large enough so that study of these facets at high magnification shows the

direction of fracturing.

(2) The planes of weakness may be "splits" or "delanin-

ations" normal to the fracture surface due to through-the-thickness '-

ness of the plate material. In this case there will be a considerable

amount of oblique shear separation and comments given in the next Para-

graphs would apply to determinations of direction of fracturing.

When there is no significant flat tensile region and the seoaration

occurs mainly or entirely by oblique shear, it has been found that deter-

mination of the direction of fracturing can be assisted by the following

examination procedure. Using either half of the fracture, examine the

region of the plate surface indicated by Figure 29. In other words, look

at the plate surface which has an oblique shear separation behind it. In

the case of steels, one can see small splits at the top edge as shown in

Figure 29a. The Nthumb test" (not recommended) consists in strokinoy this

edge in each direction to see which direction reveals the sharp asperit-

ies. In the case of aluminum alloys, generally the splits noted do not

develop. However, the localized plastic flow which must precede such

developments occurs and results in flow rarkinas as shown in Fioure 29b.
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(29a) Steel Type

direction of fracturing

B o

B = plate thickness

(2gb) Aluinum Type

direction of fracturing

Figure 29. Asperities and Splits for "Steel Type" Edge of a
Shear Fracture and Flow Markings for an OAI Type" Edge
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The precise mechanism basic tn the above indications of direction

of oblique shear fracturing is not known. However, the behavior is as if

the leading elements determining the separation path consisted in local-

ized plastic flow at the plate surface (in contrast to advance separations

near the center of the plate). In the case of superimposed tension and

out-of-plane bending, the direction of fracturing may be clearly indicated

only by the oblique shear edge at the high tension surface of the plate.

In the case of about 90 percent oblique shear with symmetrical oblique

shear fractures, one can look into tte *trough" and find level difference

lines curving toward the flat tensile strip at the bottom of the trough

rather like inverted chevrons pointing toward the vague direction of

fracturing.

e. Typical Starting Crack Defects

In aircraft structures the stress history tends to be

dominated by load fluctuations. Thus, the development of fracture

failures is generally assisted by fatigue. However, stress concentra-

tions, prior cracks, and stress corrosion cracking may assist the achieve-

ment of a critical size for rapid fracturing prior to the expected life of

the component. When the primary origin region of a fracture has been

established, it is desirable to use estimates of the tensile stress across

that region together with estimates of the material toughness to compute

an approximate plausible size for the crack at onset of rapid fracturing.

The last increments of fatigue crack extension prior to rapid fracturing

tend to be relatively large and also indistinct. For this and other
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reasons, -:he exact crack size at onset of rapid fracturing may not be

clearly indicated. However, an estimate of crack size correspondina to

the outer boundary of closely spaced fatigue "beach marks* is of value.

In the case of a part-through crack of this nature in a thick section,

one can assume the region of faint, widely spread beach marks pertain

to K values very near to or above the KiC for the material. Thus, the

size estimate for the region of closely spaced striations should nearly

match with the stress level and KIC value. In this practice, the last

few cycles of fatigue are treated as details of the final separation.

The stress level at final separation might be regarded as average or

possibly below average for normal operations. This treatment can be

justified on a probability basis. However, reservations should be made

for the possibility that the increase of fatigue bIach mark spacing

occurred because of increase of the size of the load fluctuations rather

than due to a close approach of the crack size to instability.

In the case of welds of high strength metals, a common type of crack

defect is a weld border crack starting at the weld metal-base metal

boundary and extending into the heat affected zone. Such cracks tend to

have a large surface length in comparison to depth at initial formation.

Extension of such cracks by fatigue tends to increase the depth to surface

length ratio. Estimates of K for such cracks may be made as illustrated

by Tiffany and Masters in ASTH STP 381, Reference [17]. Segregation

type weakness can also develop in central regions of a weld when the soli-

dification structure tends to be unusually coarse. Vestiges of dendritic

solidification patterns on the fracture surfaces can often be found in such
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cases.

The assistance of stress corrosion iv' tb2 development of a starting

crack defect is more often suspected than proved. In the past, reliance

has been placed largely on fracture appearances at micro-scale to decide

whether a substantial amount of stress corrosion influence is present.

Recent experimental work by Wei [18] substantiates the plausible idea

that load-time dependent stress corrosion cracking and fatigue cracking

are additive. When the stress corrosion influence is combined with

fatigue, the typical markings associated with either kind of fracturing

tend to be less clear. In many insLances, the availaY1e measurements of

fatigue crack growth rate (as a function of AK) will have been collected

using the expected operating environment. An unusual effect of stress

corrosion would not, then, be expected unless the load durations during

service tended to be much longer than those used for fatigue testing.

In the case of rupture of pressure vessels under a fixed steady load,

it is natural to look for a prior fabrication crack large enough so that

the K value in service was above the threshold K ISC value for stress

corrosion cracking. (See Section C for representative KISCC data). The

caution to be borne in mind here pertains to the possible influence of

crack depth, when small, upon the degree of aggressiveness of the

environmet . In the future, KISCC testing practices need to be supple-

mented by very long time exposure tests of stressed material containing

small surface cracks of various depth.

In general, stress concentrations continue to represent the factor
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primarily responsibile for a substantial nmber of fracture failures.

Cut-outs, holes, and redundantly connected plates often provide over-

stressed regions in which the development and growth of a crack way occur

with unforeseen speed. The design should be adjusted so that all such

cracks reirn stable long enough to be found by inspection. However,

oversights may occur. Regions subjected to dynamic overlcads during hard

landings or by an abrupt "pitch-up" deserve special attention because

these regions my not be tested for such events during initial fatigue

testing of the airplane and the numer of such events which can be

tolerated imst be found by special testing of those parts.

2. Microscopic Examination

The most important preparatory step to be taken in a microscopic

failure analysis is a thorough macroscopic examination since this leads

the investigator to the critical area of the crack origin. In many cases

the unknown of major importance relates to the micro-sehanisms of early

crack formation and extension. For example, a particular service failure

may appear to be predominantly fatigue in nature leading the engineer to

consider a "fix" based only upon moderation of the cyclic loading condi-

tions. However, the critical nucleation event may well have been due to

some other factor such as a corrosive enviroment or inclusion-ridden

defective material. Therefore, it is most liortant to record the approx-,

imate origin of the critical defect, its overall size, the texture of the

fracture surface and any gross markings suggestive of a particular fracture

mechanism. All of the above factors can be determined as a result of a
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properly conducted macroscopic fracture surface examination.

When describing the manner of crack extension, one may cite the macro-

scopic fracture path (flat or slant type failure usually associated with

conditions of plane strain and plane stress), the microscopic path (trans-

crystalline or intercrystalline) and the precise microscopic mechanism by

which rupture occurs (related to electron microscopic observations). To

make the latter two observations requires the use of high magnification,

high resolution microscopes.

As recently as ten years ago, the major tol used in the microscopic

examination of the fracture process was the light microscope. Due to the

very shallow depth of focus, examination of the fracture surface is not

possible except at very low magnifications. Consequently, the fracture

surface analysis procedure entails the examination of a metallographic

section containing a profile of the fracture surface. Using this tech-

nique, it is possible to obtain important information about the fracture

path. For example, by comparing the path of the fracture with the metallo-

graphic grain structure, it is possible to determine whether the failure

is of transcrystalline or intercrystalline nature. Clarification of this

point is often more easily accomplished when secondary cracks are present

in the sectioned component, thereby revealing profiles of mating fracture

surfaces. Since the condition of the profile edge is critical for proper

failure analysis, precautions are often taken to preserve the sharoness

of the fracture profile. To this end, fracture surfaces are plated with

nickel to protect the specimen edge from rounding due to the metallographic
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pol isning procedure. The most widely used procedures for metallographic

specinen preparation are described in a standard metallurgical text [20].

In addition, to identifying the microscopic fracture path, metallo-

graphic sections are also useful in establishing the metallurgical

condition of the material. Grain size and shape offer important clues to

tne thermo-echanical history of the conmonent. For example, a coarse

grained structure is indicative of a very high temperature annealing process

while an elongated grain structure indicates not only the application of a

deformation process such as rolling, forging and drawing in the history of

the material but also the direction in which this mechanical process was

applied. Such mechanical processes often lead to the development of aniso-

tropic mechanical properties. Consequently, it is important to know the

relative orientation of the grain structure with respect to the predominant

stress direction.

Identification of the nmcrostructural constituents enables the

examiner to determine whether the component has been heat treated properly.

Identification of a possible grain boundary phase, for example, can explain

the occurrence of an intercrystalline fracture. Finally, with the aid of

an inclusion count, the relative cleanliness of the metallurgical structure

can be determined. While it is not possible to express the fracture

toughness of a material in terms of some measure of inclusion content, it

is known that fracture toughness decreases with increasing inclusion

content. Hence, a trained netallographer may ascertain from metallo-

graphic examination whether the material in question is representative of
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ot-Jb understanding of fracture mechanisms in metals improved 'y a

quantum jump with the development of the electron microscope. With its

superior depth of field and increased resolution, many topographical

fracture surface features were observed for the first time. Many of

these markings have since been interpreted imvterms of current theories of

fracture. Much of the fractographic work, to date, has been conducted on

transmission electron microscopes*. Since the penetrating Dower of

electrons is quite limited, it is necessary to make fracture surface

observations with a replica of the fracture surface that allows trans-

mission of the high energy electron beam. Consequently, before one can

proceed with an interpretation of fracture surface markings, it is necessary

to briefly describe replication techniques.

A considerable volume of literature has been developed during the

past ten years dealing with techniques and interpretation of electron

fractographic observations. To meet the objectives of this report it

should not be neceisary to describe in detail all the information that is

now available in the ope.n literature and in Government reports. Rather,

*During the past few years, encouraging progress has been made in the
",tilization of scanning electron microscopy in failure analysis. A V•aior
advantage of the scanning microscope for some cases is that the actual
fractured sample may be viewed directly in the instrument, thereby
obviating the need for replica preparation. When legal or other consid-
erations do not permit the fractured component to be cut down in size to
fit into the viewing chamber, the instrument cannot be used. At present,
the resolution capability of scanning electron microscopes is less than
that of the transmission electron microscopes. It is anticirated that
later models of the SEM will be more competitive with respect to this
specification, thereby leading one to foresee the need for bcth instrjrents
in a laboratory committed to failure analysis.
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it is desirable to highlight those major factors that have direct

bearing on the subject of failure analysis. For a more completc descrip-

tion, the reader is referred to the text Electron Fractography, STP 436

[21], published by ASTM. This book contains articles dealing with routine

and special fractographic techniques, application of fractography to

failure analysis, environmental effects, and detailed descriptions of

specific fracture mechanisms such as cleavage, void coalescence and

fatigue. In addition, the reader is referred to the Electron Fractography

Handbook [22] prepared under the auspices of the Air Force Mlaterials Lab-

oratory. A large collection of documented fractographs is contained in

this report along with a discussion of replication procedures and inter-

pretation of fractographic observations.

As described in the section dealing with macroscopic interpretation

of fracture surface topography, care should be exercised in the cleaning

of fracture surfaces. Foreign dirt particles, qrease and oil, and loosely

clinging rust should be removed cautiously w.,ith an inert solvent such as

acetone. The use of chemically active alkaline or acid solutions should

not be used since they will etch the fracture surface and obliterate

important fracture inarkings. Sirilarlfv, de-ris should not be removed

from the fracture surface with an abrasive instrumrent since this, too,

will riar the fracture surface. A plastic tyoe szftened acetone, may be

pressed onto tý.e fracture surfaze and then removed, thereby stripping

away looseiy clinging dirt. After the cleaning process, the specimen

fracture surface should be preserved in a dry environment or by-the appli-

cation of an acetone soluble lacquer spray.
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Several replication procedures have been developed in the metallur-

gical laboratory for the optimization of certain conditions. For example,

a one-step process, tte direct carbon replication technique, generates a

replica possessing the highest resolution. Though the highest possible

resolution is always casirable, this procedure is not employed often

since the specimen is destroyed in the replication process. The most

commonly used technique is a nondestructive two stage process resulting

in reasonably good resolution. A presoftened strip of cellulose acetate

is pressed onto the fracture surface and allowed to dry. The tape is then

stripped from the specimen carrying an impression of the fracture surface

topography. Since this tape is opaque to the electron beam, further steps

in the replication procedure are necessary. A layer of heavy metal is

deposited onto the side of the tape bearing the fracture impression. This

is done to improve the eventual contrast of the replica. Finally, a thin

layer of carbon is vapor deposited onto the tape. The plastic tape-heavy

metal-carbon composite is then placed in a bath of acetone where the

plastic is dissolved. In the final step, the heavy metal-carbon replica

is removed from the acetone bath and placed on mesh screens for viewing

in the electron microscope. Since the viewing screens are only 1/8 inch

in diameter, the importance of selecting the critical region for examin-

ation is most important. This factor, again, emphasizes the need for a

carefully conducted macroscopic examination which should direct the

examiner to the primary fracture site. By adhering to the recommended

procedures for the preparation of replicas, little difficulty should be

encountered.
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The critical phase in electron fractography is the interpretation

of the fracture markings in terms of actual fracture mechanisms. In

addition to References [21] and [22], the reader is referred to the

article by Beachem entitled, "The Interpretation of Electron Microscope

Fractographs" [23]. Of particular importance in this article is a

discussion of the interpretation of contrast effects which permit the

viewer to gain a more accurate three dimensional picture of the fracture

surface. In the following sections, the appearance of predominant fracture

mechanis-s is described briefly. The reader should, agait, refer to the

many articles in the open literature for a more detailed discussion of

these points.

3. Void Coalescence

A major fracture mechanism common to most materials regardless of

fundamental differences in crystal structure and alloy composition is that

of void coalescence. It is believed that stress induced fracture of

brittle particles, particle-metrix interface failure and, perhaps, complex

disloction interactions lead to the formation of microcracks or pores

within the stressed compoffent. These mechanically induced micropores

should not be confused with preexistent microporosity sometimes present

as a result of casting procedures. At increasing stress levels, the voids

grow larger and finally coalesce into a broad crack front. At some point,

this growing flaw reaches critical dimensions resulting in total failure

of the component. Even after the point of instability, the unstable crack

often grows by a repetitive process of void formation and subsequent
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coalescence with the main crack front.

Three distinct processes for void formation and coalescence can be

envisioned depending upon the state of stress. Under simple uniaxial

loading conditions, the microvoids will tend to form in association with

fractured particles and/or interfaces and grow out in a plane generally

normal to the stress axis. The resulting micron sized "equiaxed dimples"

are generally spherical in shape, as shown in Figure 30. Since the growth

and coalescence of these voids involves a plastic deformation process,

it is to be expected that total fracture energy should be related in some

fashion with the size of these dimples. It has been shown in laboratory

experiments that fracture energy does increase with increasing depth and

width of the observed dimples. At best, dimple size and general deoree of

roughness of the fracture surface can be used as a first order approxi-

mation of energy consumed in the fracture process.

When failure is influenced by shear stresses, the voids which nucleate

in the same manner as cited above, grow and subsequently coalesce along the

planes of maximu shear stress which are often inclined to the surface of

the component. Consequently, these voids tend to be elongated and result

in the formation of parabolically shaped depressions on the fracture

surface, as shown in Figure 31. If one were to compare the orientation of

these "elongated dimples" from matching fracture faces, one would find that

the voids are elongated in the direction of the shear stresses and point in

opposite directions on the two surfaces.

Finally, when the stress state is one of combined tension and bendino,
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Figure 30. Fractograph Revealing Void
Coalescence in the Form of wEquiaxed
Dimples.m Plain Carbon Steel. 1000 x.

Figure 31. Fractograph Revealing Void Co-
alescence in the Form of 'Elongated

Dimples.* Al-Al 3Ni Eutectic Alloy. 6600x.
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the resuiLLitq tearing process .. dipls" which can

appear on gross planes normal to the direction of loading(. The basic

difference between these "elongated dimples* and the ones produced by

shear is that the tear dimples point in the same direction on both halves

of the fracture surface. It is important to note that these dimples

point back toward the crack origin. Consequently, when viewing a replica

which contains impressions of tear dimples, they may be used to direct

the viewer to the crack origin. This technique is described at greater

length by Whiteson, et.al.[24]. This procedure should be used to compare

results with crack directionwdeterminations as described in the previous

section on macrefractography.

It may be desirable to determine the chemical composition of the

particle responsible for the initiation of the voids. By selected area

diffraction techniques employed in the electron microscope, it often is

possible to identify the composition of particles extracted from the base

of dimples. Witn this information, it may be possible to select a

different heat treating procedure and/or select a similar alloy of higher

purity so as to retard the void fonriation initiation processes.

4. Cleavage

The process of cleavage involves transcrystalline fracture along

specific crystallographic planes and is usually associated with low energy

fracture. The cleavage facet is flat and frequently contains sets of

gradually diverging lines associated with cleavage fracture occurring on

parallel sets of planes, as shown in Figure 32. The origin of fracture
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II

Figure 32. Cleavage Facet with Associated
Cleavage Steps. Cleaved Secondary

Particle. 21,600x.

for such facets is the focal point for the cleavage lines. On other

cleavage facets a network of cleavage steps in the shape of a wriver

pattern" may be observed uhere fine steps continually merge into larger

ones. These markings again reflect the propagation of cleavage cracks

on parallel planes. In this case, the origin of failure is in the

direction of finer and more numerous steps in the pattern.

There is not much quantitative information to be obtained from

cleavage facets that can be used in failure analysis. It is possible to

estimate the critical flaw size by measuring the size of the cleavage

facet. However, facets often assume the size of individual grains, the
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size of which can be readily obtained by ordinary metallographic procedures.

Some useful information can be obtained about the phase responsible for

failure by noting the shape of the facet and comparing it to the morphology

of different phases in the alloy.

In the case of materials that undergo a fracture mechanism transition

(e.g., void coalescence to cleavage failure), it is possible to relate the

presence of the cleavage mechanism to a general set of external conditions.

In the case of mild steel which undergoes the above fracture mechanism

transition, the observation of cleavage indicates that the component was

subjected to some combinations of low temperature, high strain rate and/or

high tensile triaxial stress conditions.

In many engineering materials, fracture facets that resemble cleavage

facets are also observed. They are relatively flat and often-contain

localized "river patterns" as do cleavage facets but they cannot be con-

sidered as having been produced by a cleavage process since the surface of

the facet does not correspond to any rational low index crystallographic

plane. An example of this feature is shown in Figure 33. These "quasi-

cleavage" facets also differ from true cleavage facets in 3t least one

other aspect. Whereas, the cleavage facet fracture origin is at the edge

of the facet, it is in the middle of the "quasi-cleavage" facet. The

observance of these markings, like that of cleavage, generally reflects a

low energy fracture process.
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Figure 33. Fractograph Revealing "Quasi-
Cleavage" Region Containing Localized

Steps and "River Markings."
T-1 Steel. 8600x.

5. Fatigue Process

When a given component fails in service by a fatigue process

the fracture surface often contains concentric arcs or rings emanating from

the origin. These "clau shell" or "beach" markings are interpreted as

having been produced during different periods of growth. Alternate crack

growth and rest periods cause regions of the fracture surface to be

oxidized and/or corroded by differing amounts, thereby, accounting for the

nonuniforwity in color of the "clam shell" mrkings. These markings

represent periods of growth (perhaps the result of crack growth during

one flight of an aircraft) and are not representative of individual load

excursions. Individual load excursions are responsible for the formation
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of one fatigue striation. This point will be discussed in greater detail

below.

On occasion, fatigue crack propagation vill be temporarily inter-

rupted by a sudden overload causing local unstable crack extension by void

coalescence. Subsequent to this localized upop-inw, fatigue induced

extension of the crack is resimed. The shape of these "pop-ins" can be

used to determine the direction of crack propagation. Such information

has been used in the examination of th aircraft failures that are described

in Section III.0 on actual case histories as Exmples 4 and 5.

As described previously, the relative orientation of the fracture

surface is related to the extent of plane strain conditions depending upon

the relative size of the plastic zone with respect to sheet thickness.

This face is clearly demonstrated for the case of fatigue crack propagation.

Assuming a simple sinusoidal loading pattern, stress intensity conditions

are low for small crack lengths resulting in the forution of a small

plastic zone. When the sheet thickness is large compared to this zone

size, plane strain conditions prevail and flat fracture usually results.

With subsequent fatigue crack extension, the stress intensity factor and

the plastic zone size increase. When the zone is large compared to specli

thickness, plane stress conditions and slant fracture are dminant.

Depending upon the stress level and crack length, the fractured component

will possess varying amounts of flat and slant fracture. By relating sheet

thickness to the plastic zone size at the point of fracture mode trans-

ition, it is possible to estimate the stress level. This procedure is
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Figure 34. Fatigue Striations Resulting
from Uniform Sinusoidal Loading.
2024-T3 Aluminum Alloy. 12,600x

employed in several case histories reported in a following section.

As mentioned above, the fatigue fracture surface often reveals the

presence of fatigue striations which represent the successive position of

the crack front after a given loading cycle. An example of this is shon

in Figure 34 for umiform sinusoidal loading. In addition to these

striations are other regions on the fracture surface that contain mixtures

of dimples, quasi-cleavage arJ other fracture mechanisms. The relative

ease in observation of striations seems to vary with stress state and

alloy content. Striations are most clearly observed on flat surfaces asso-

ciated with plane strain conditions. Elongated dimples and evidence of
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abrasion are the dominant fractographic features found on plane stress

slant fracture surfaces. It is a much easier task to find striations

on fatigue surfaces in aluminum alloys than in high strength steels. In

some cases, it is virtually impossible to identify clearly defined areas

of striations in the latter material, thereby making the fractographic

examination most difficult.

The spacing between striations is a measure of crack growth during

a given load cycle. Several investigators have shown that the striation

spacing is strongly related to the macroscopic growth rate measured as a

crack traverses a test panel. Both measurements are found to be strongly

dependent upon the stress intensity conditions at the tip of the movinq

crack. Most comonly, the growth rate data is presented in the form of

log-log plots of growth rate versus stress intensity factor range as

shown in Figure 35. Such data is of great use in failure analysis.

Knowing the specimen geometry, striation spacing, and crack length where

the striations were measured, it is possible to obtain an estimate of the

stress level in the cmponent at the time of failure. The crack length

and geometry information identify all the factors in the computation of

the stress intensity level with the exception of the stress level which

then becomes the only unknown once the striation measurement is made. This

procedure is used in several case histories reported in the following

section.

While this procedure is extremely useful, its implementation should be

exercised with deliberate caution. First, it is critically important to

accurately identify the crack length position where the striation spacing
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measurements were made. The stress level canot be computed if the crack

length is not known. In several of the reports exmined, striation photo-

graphs were presented without a statement concerning the precise location

of the region of the fracture surface. Without such information, the

photograph serves only to identify the mechanism of failure but does not

enable the examiner to perform any meaningful calculations.

Since striation formation is a highly localized event, it is dependent

upon both stress intensity and metallurgical facturs. It has been repeat-

edly shown in laboratory experiments that for constant stress intensity

conditions, striation spacings in a local region may vary by a factor of

two to four. To arrive at a meaningful estimate of crack growth rate at a

particular crack length, many measzrements of striation spacing should be

made. In addition, measurements should be made at different crack length

positions to serve as a comparative check on the computation.

The need for multiple readings of striation spacings is of paramount

importance when the cause of compcnent failure is related to random loading.

Since the striation spacing is a function of the stress intensity factor

range during each cycle, random load fracture surfaces should contain

striation spacings with varying size. An example of this is shown in

Figure 36. It would be a relatively simple matter to define the random

load spectrum by measuring the resultant striation spacing were it not for

the fact that striation spacing is affected by loading history. For

example, wheni a simple sinusoidal loading pattern is interrupted by one

peak overload cycle, the striations that form after the overload are
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Figure 36. Fatigue Striations Resulting
from Random Loading. 7075-T6 Aluminum

Alloy. 18,000x (See case history Example 5.)

smaller than expected for some distance ahead of the position where the

overload was applied. This effect is related to the existence of a

compressive residual stress pattern resulting from the tensile overload.

Since random load spectrum'contain both low loads followed by high loads

and vice versa, it is to be expected that some averaging effect would

occur. Consequently, many readings of striation spacing should be made

under random loading conditions.

Finally, it may be possible to make a crude estimate of the load level

in the random spectrum that was responsible for final failure. At small

crack lengths and associated low stress intensity levels, the highest

components in the load spectrum could occur but would not cause total

failure. In this way, the overall range including the peak values of the

spectrum may be estimated by measurement of striation spacing at small
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crack lengths. these peak levels may te assumed to reoccur at a later

time when the crack length is longer and, thereby, constitute the critical

event in the fracture process.

In none of the above discussion concerning the relationshio between

striation spacing and the stress intensity factor range was there mention

of the effect of other variables. Little information is currently avail-

able to clearly define the role of such variables as mean stress, cyclic

frequency and environment upon the size of fatigue striations. Conse-

quently, the relation of striation size to AK should be considered as a

first approximation of the dependence of stress intensity levels on crack

extension rate.

6. Fracture Markings at Instability

Much interest has recently been focused on the fracture surface

morphology at the onset of unstable crack extension in plane strain speci-

mens. In this region a relatively smooth region, similar in dpoearance to

a la-je fatigue striation, is observed. It is believed that this "stretched

zone" reflects the extent of crack tip blunting prior to the point of crack

instability. An example of this "stretched zone" is shown in Figure 37.

Presuming this thought, it should be possible to relate the extent of crack

tip'blunting (i.e., measure the width of the stretched zone) to the crack

tip opening displacement and material fracture toughness. The most

complete study to date has been performed by a task group of Subcormmittee

II of ASTM E-24 [25]. Stretched zone measurements were recorded from the

plane strain fracture surfaces of several grades of maraging steel, two
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Figure 37. "Stretched Zone" (B) and Dimpled
Rupture (A) Resulting from Overload During

Fatigue Cycling [26]. 2024-T3 Aluminum
Alloy. 8OOOx

aluminum alloys and a titanium alloy. The size of the stretched zones

increased with increasing KIc levels and were in general agreement with

computed values of the crack opening displacement, 2V . It is too early

to know whether such measurements will be of use in failure analysis. The

reader is advised to remain aware of new developments concerning this

matter. A note of caution is raised, however, based upon the recent work

of Von Euw [26]. Interjecting 50% and 75% overloads into a simple sinu-

soidal loading pattern, he found that the peak load produced both a large

striation or stretched zone and a region of void formation depending upon

the local stre-ss intensity level. At low stress intensity levels only the

stretched region was produced while at larger stress intensity levels, both

stretching and dimple formation was observed. These observations illus-

trate that fracture mechanisrts associated with the crack opening
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displacement are not solely related to the stretching process.

C. Material Behavior Patterns

1. Property Data Useful in Failure Analysis

The theory and experimental verification of fracture mechanics

as an effective tool in failure analysis have been described in the previous

section. The concept of the stress intensity factor, its mathematical and

physical significance, and its dominant influence upon fracture modes and

mechanisps have been clearly outlined. At this point, the magnitude of

stress m'lification at crack tips will be compared with the limiting capa-

city of et e,. *ering materials to resist fracture. In a fundamental sense,

fracture occurs when the stress exceeds the tensile strength of the

material. By analogy, conditions for fracture are met when the applied

stress intensity factor level exceeds the material's resistance to

fracture, the fracture toughness.

The likelihood of performing a successful failure analysis is consid-

erably enhanced if the mechanical properties of the component material are

thoroughly characterized. In the past, it was standard procedure to define

yield and tensile strengthpercent elongation and reduction in area,

fatigue endurance, and occasionally some additional data such as elevated

temperature tensile behavior. More recently, it has been shown that

further information is desirable and necessary for a complete analysis.

As will be shown in several service failure case histories, the additional

knowledge of the material plane strain fracture toughness value and
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characterization of fatigue crack propagation rates in terms of stress

intensity factors proved to be the key to the solution of the problem.

In terms of the current state of knowledge in the area of failure

analysis, yield and tensile strengths, degree of ductility, plane strain

and plane stress fracture toughness values, fatigue data relating crack

gr0 rates to stress intensity conditions and effects of enviroruent

upon both static and dynamic loading conditions are considered to be the

most critical mechanical properties affecting the onset of fracture. It

should be added that variation in these properties with specimen orien-

tation is also of prime concern. A brief tabulation of these procerties

for selected engineering alloys is included at the end of this Section C.

The table is not intended to be complete with respect to any one alloy or

group of alloys since this would constitute a major effort in itself and

would not add siguificantly to the purpose of this report. The data are

presented to acquaint the reader with the range of properties exhibited

within several alloy groups and to enable the reader to establish a

relative figure of merit of one alloy with respect to another.

To more fully understand the utility and interrelation of these data,

further discussion is contained in the following paragraphs.

a. Yield and Tensile Strength. Metal alloys can be strength-

ened by one or more of several strengthening mechanisms such as: preci-

pitation hardening, dispersion hardening, solid solution strengthening,

strain hardening, martensitic strengthening and other mechanisms.
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Many low alloy steels are strengthened by a martensite-transformation .

and subsequent tempering treatment while most aluminum and titanium alloys,

and maraging steels are strengthened by a precipitation hardening process.

In both cases, the desired mechanical properties are critically dependent

upon the proper heat treatment. Consequently, it is important to verify

whether the failed component was heat treated properly to attain the

desired strength levels. Aside from the preparation of tensile specimens

from the component material, it is often possible to estimate the actual

strength level of an alloy with hardness measurements and metallographic

examination of the microstructure.

b. Fracture Toughness. As a result of differences in alloy

content, processing sequence, heat treatment and other factors, the fracture

toughness level may assume a large range of possible values. Here again,

it is critically important to verify whether the failed component under

investigation had been prepared in the proper manner. In the overwhelming

majority of engineering alloys, it has been found that as the yield and

tensile strength are increased, ductility and fracture toughness levels

are correspondingly reduced. This ,critical fact is of overwhelming impor-

tance when consideration is given to material and material property

selection. Since the weight of individual components is of major impor-

tance in aircraft design, one is always tempted to reduce weight by

choosing a stronger material since any increase in component strength will

be matched by a corresponding reduction in weight. Unfortunately, the

material is rendered more susceptible to brittle fracture as a result of

the reduction in fracture toughness associated with the higher strength
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level. The following s imle ex loe is presented to demonstrate this

effect.

Assume that a component in the shape of a large sheet is to be fabri-

cated from 0.45C-Ni-Cr-4 steel. It is required that the critical flaw

size be greater than 1/8 inch, the resolution llmit of flo detection

procedures. A design stress level of one half the tensile strength is indi-

cated. To save weight an increase in the tensllq strength from 220,000 to

300,000 psi is suggested. Is such a strength increment allowable?

The answer to this question bears heavily upon the changes in fracture

toughness of the material resulting from the Increase in tensile strength.

At the 220,000 psi strength level, it is found that the KIC value is 60,000

psi Ai while at 300,000 psi, KIC drops sharply to 30,000 psi A /1 [27].

For a large sheet the stress intensity factor my be estimated by the

following relationship

K = gva (30)

where a = design stress

a = half crack length

For the alloy heat treated to the 220•000 psi strength level

6O,OOO psi An 11O,o000 psi Ar (31)

2a = 0.19 inch

which exceeds the minimlu flaw size requirements. At the 300,000 psi

strength level
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30,(00 psi - = 150.000 psi /A (32)

2a = .025 inch

which is five times smaller than the minimum flaw size requirement and

approximately eight times smaller than the maximum flaw to be tolerated

at the 220,000 psi strength level. Therefore, it is not possible to raise

the strength of the alloy to 300,000 psi. Furthermore, using the same

flaw size found in the 220,000 psi material for the 300,000 psi alloy would

necessitate a decrease in design stress from 150,000 psi to 55,000 psi

a - 30,000 psi A - 55,000 psi (33)
/w(.095 in)

Therefore, under similar flaw size conditions, the allowable stress level

in the stronger alloy could be only half that in the weaker alloy resulting

in a two fold increase in the weight of the component.

The recommended procedures for valid KIC testing were outlined in ASTM

STP 410 by Brown and Srawley in '966 [28]. When making use of KIC data

from the literature, it is important to verify whether the data is valid

as per the recomended procedures. This is especially true for data gener-

ated prior to 1966 since KIC values were often overestimated due to the

prevailing experimental procedures and definitions for "valid" plane

strain fracture testing.

When an engineering component experiences stress intensity conditions

below the KIC level, fracture may still occur. It has been shown for the

case of many materials that sub-critical flaw growth will occur under

157



static loading conditions in the presence of an aggressive environment.

This stress corrosion cracking will extend the crack to its critical

length whereupon plane strain fracture will occur. Detailed investi-

gations have shown that environmental stress corrosion cracking will not

occur until the stress intensity level is above some minimum value, the

KISCC threshold level [29]. For purposes of comparison, selected KISCC

values are included iii the data compilation. It is to be noted that while

some alloys possess KISCC levels close to the KiC valie, other alloys show

the KIScc/Kic ratio to be only about 0.2, thereby, rendering the material

extremely sensitive to stress corrosion cracking. As was the case with

the KIC property, it has been found that the KISCC level decreases with

increasing yield strength [30]. In fact, the relative drop in KISCC level

is greater than the corresponding change in KIC resulting in a lower

KISIc/KIc ratio.

c. Fatigue Properties. Considerable progress has been made in

the application of fracture mechanics methods to the fatigue process in

engineering materials. Beginning with the work of Paris [31], a consid-

erable body of experimental data has been generated revealing a strong

relationship between fatigue crack propagation rate and the prevailing

stress intensity conditions at the tip of the moving crack. Often these

data are described in the form

da_ = CAf(a)n (34)
dn

where da/dn = fatigue crack growth rate
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,m,n = material constants

a = crack length

n = number of load cycles

While this formulation may represent many data in a convenient manner, the

relationship is by no means unique. Different methods of data correlation

have been suggested by others F32, 33]. It must be emphasized that good-

ness of data fit with any relationships is more important than the conven-

ient form of the relation.

Equation (34) can provide a reasonable estimate of crack growth rate

for a given set of stress intensity conditions once the material constant

values have been determined. It has been observed that the material

constants are dependent to a varying degree upon other factors such as the

Smean stress intensity level, test environment, cyclic frequency, modulus

of elasticity, alloy content and olter metallurgical factors. Consequen ....

tly, when analyzing a service failure using Equation (34), it is desir-

able to have some laboratory data obtained under simulated service

conditions.

As mentioned above, the material constants are sensitive to environ-

mental conditions existing during the fatigue process. Consequently, when

the service conditions are severe and/or when the material is heat

treated to an environmentally sensitive condition, ihe material constants

C, m, and n should increase. It is important to note that even when the

cyclic stress intensity level is below KISCC, corrosion enhanced fatigue

crack growth will occur [34, 35]. The mechanism(s) for this event remains
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an area of intensive study.

As a result of post failure fractographic analysis, an estimate of

crack growth rate at a given crack length position can be obtained by

measuring the width of fatitue striations. Using such data along with the

appropriate material constants*, it is possible to compute an approximate

stress range from Equation (34). This procedure was used in several

service failure case histories to Me described in a later section.

As part of a failure analysis, it is often most important to compute

an estimate of component life which can then be compared with the actual

service life. Thus computation can be performed by rearranging Equation (34)

in the following form

Nf af

f dn I d a (35)
0 Ca-- ao f(a)m

where Nf = number of cycles to failure

ao = initial crack size

af = final crack size

Nf af da

In the general case where 4o= M(K), f dn = I"o aoC(K)(

When the functional form of AK is not known, the fatigue life can be

*Based upon available experimental data, some concein exists as to whether
there are two sets of material constants for macroscopic and microscopic
crack growth rate, respectively. Further study is indicated in this
area.
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coputed by nmerical integration. In most cases ao << af, consPuetly

the computed fatigue life is not sensitive to the final crack length, af,

but is strongly dependent upon the estimate of the startring crack length,

a0 . When the actual component life, the material constants, crack lengths

and functional relationship of crack length are knla vith reasonable

accuracy, then Equation (35) can be used to compute the prevailing stress

state for comparison with the original design stress level.

To illustrate the use of Equation (35) in the computation of fatigue

life, a second example problem is presented. Reconsider the material

selection problem described in the previous section. 0.45C-Ni-Cr-fo steel

is available in both the 300,000 psi and 220,000 psi tensile strength

levels. A design stress level of one half tensile strength is required.

It is necessary to estimate the fatigue life of a component manufactured

from the mterial in the two strength conditions. Using the design stress

levels, a stress range of 150,000 psi and 110,000 psi will be experienced

by the 300,000 psi and 220,000 psi material, respectively. It is imed-

iately obvious from Equation (35) that all things being equal, the total

fatigue life will decrease with increasing stress runge. Using a value of

m = 2.25 as found by Barsom [35] for nineteen steels, the fatigue life in

the stronger material would be reduced by almost a factor of two. This

should be considered as a minimm estimate of reduction in fatigue life

since there is evidence to indicate that the exponent m increases with

decreasing fracture toughness [36]. Furthermore, recalling that the criti-

cal flaw size in the 300,000 psi level material is only 1/5 that found in

the 220,000 psi alloy, the computed service life in the stronger alloy will
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be significantly reduced. This is especially true when the initial crack

size is large compared to the critical flaw size. Therefore, it is

concluded that the stronger material is inferior in terms of potential

fatigue life as well as critical flaw size and associated fracture toughness.

In view of recent findings, it may be possible to conclude this dis-

cussion of fatigue on a cautiously optimistic note. It has been shown

by Paris and Schmidt [37] and Johnson, et.al. [33], that some limiting

value of AK exists below which fatigue crack growth is essentially non-

existent. By defining this level for a given material, a component may be

designed to minimize the problem of fatigue. Unfortunately, large factors

of safety will be necessary since the observed threshold levels are quite

low. Further developments are expected in this research activity.

2. Selected Mechanical Property Data

In the following Table XIV an abbreviated list of mechanical

properties for several grades of aluminum, titanium and steel engineering

alloys currently being used in the aircraft industry is provided. The

list is by no means complete: (1) properties of many other alloys are not

included, (2) little information is given concerning property variation as

a function of heat treatment, specimen orientation, minor compositional

variations and other variables. Those data which have been tabulated

should be used with an appropriate degree of caution. Since fracture

toughness and other important fracture properties are often strongly

dependent upon one or more of the above mentioned variables, it is not

possible to know a priori whether the data in the table do aoply to
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the material under investigation in any failure analysis. In fact,Davls,

at. al.[38], have show that KIC values will vary with the specimen config-

uration, reflecting crack orientation and material anisotropy effects. The

large variation in KIC values for the Ti-6A1-4V alloy listed in Table XIV

(with fairly similar heat treatment) focuses attention on this point.

As a further guide to material properties, the associated bibliography

contains the alloy designations inder stUy in each reference.

3. Sources for Alloy Behavior Data

AMdditional information an alioy mechanical properties my be

obtained from the follring technical papers and reports. The alloy desig-

nations for which data ws obtained is listed %ith each reference.

1. C. N. Freed, "Fracture Toughness Parameters for Titanium

Alloyss, Engineering Fracture Nechanics, Vol. 1, No. 1, June 1968, p. 175.

Ti-6A1-4Sm-lV Ti-6.SA1-SZr-lV
Ti-EAl-WV-2.5Sn Ti-MA1-4Zr-21o
Ti-Ml-Zb-ITa Ti-GA1-4V-2Sn
Ti-MA1-4V Ti-lA1-4Zr-2Sn-O. 5Po-O.5V

2. E. A. Stiger.Uld, "Plne Strain Fracture Toughness of High

Strength N1terialsa, Engineering Fracture Nechanics, Vol. 1, No. 3, April

1969, p. 473.

4340 steel PH 15-7ft stainless st1el
4140 steel PH 17-4FM stainless steel
SCr-lb-V steels M 355 stainless steel
17-7PH stainless Ti-GA1-4V titanim

steel
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3. J. G. Kaufman, F. G. Nelson, Jr., and PI. Holt, "Fracture

Toughness of Aluminum Alloy Plate Detemined with Center-Notch Tension,

SUngle-Edge-Notch Tension and Notch-Bend Testsu , Engineering Fracture

Mechanics, Vol. 1, No. 2, August 1968, p. 259.

2020-17651 7005-T6351
2024-T351 7075-T651
2024-TB51 7075-T7351

2219-T1851 7079-T651
7001-175 7178-17i651

4. C. G. Clark, Jr., "SUbcritScal Crack Growth and its Effect

Upon the Fatigue Characteristics of Structural Aheoyst, Engineering Fracture

Mechanics, Vol. 1, No. 2, August 1968, p. 385.

7079-116 aluminum HP 9-4-25 steel

5456-1321 al5minum N46lo-V steel

5. C. M. Hudson and J. T. Scardina, "Effect of Stress Ratio on

Fatigue Crack Growth in 7075-T6 Aluminum Alloy Sheet", Engineering Fracture

Mechanics, Vol. 1, No. 3, April 1969, p. 429.

7075 -T6

6. H. H. Johnson and P. C. Paris, "Subcritical Flaw Growthw,

Engineering Fracture Mechanics, Vol. 1, No. 1, June 1968, p. 3.

Various steel, aluminm, titanium alloys

7. 1t. H. Peterson, B. F. Brown, R. L. Newbegin and R. E. Groover,

"Stress Corrosion Cracking of High Strength Steels and Titanium Alloys in

Chloride Solutions at Aibient Temperaturew, Corrosion, 23, p. 142, 1967.

4340 steel 6A1-2.5Sn
Titanium alloys: 6AI-Mo
5A1-2.5Sn 7AI-ITa
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6A1-4v YAI-3Mo
6A1-lSn SA1-i1o-1V

8. D. E. Piper. S. H. Smith and R. V. Carter, "Corrosion Fatigue

and Stress-Corrosion Cracking in Aqueous Environments", ASH National Metal

Congress, October 31, 1966.

Ti-Mi1-lo-1V
Ti-6A1-4V

9. J. N. Barsom, "Investigation of Subcritical Crack Propagation",

Ph.D. Dissertation, University of Pittsburgh, 1969.

lONi-Cr-Ho-Co steel
12Ni-5Cr-3No steel

10. J. M. Barsom, E. J. I[,of, Jr., and S. T. Rolfe, 'Fatigue-

Crack Propagation in High-Strength Steels", AD 846 1276, December 1968

(Available from Defense Documentation Center).

l2Xi steel
lONi steel
Hy-130

- Hy-80

11. C. N. Carman and J. N. Katlin, "Low Cyclic Fatigue Crack

Propagation Characteristics of High-Strength Steelso, ASME Paper No. 66-

Met-3, 1966.

Steel alloys: 300m, D6AC, H-11, 250 maraging, 17-7PH

12. "Fracture Toughness and Tear Testsm, Technical Documentary

Report No. ML TOR 64-238, AFt, 1964.

Ti-8Al-lNo-lV titanium alloy
AM 350 stainless steel
lnconel 718 nickel alloy
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Ti-6A1-4V titanium alloy
PH 14-8o stainless steel

Editorial note: Report also contains extensive fatigue crack propagation
data.

D. Individual Component Failure Analysis

1. Suggested List of Raw Data Nlecessary for Complete Failure Analysis

Having been introduced to the fundamentbls of fracture mechanics

analysis, stress intensity analysis of cracks, macroscopic and microscopic

features of the fracture s~urface, and an indication 0f what pertinent

mechanical property data is necessary to adequately characterize the per-

formance of a given material, the reader should be in a position to

synthesize this information and thereby solve a current service failure

problem. To assist the investigator in his task, the following outline

entered below is proposed. The outline, making reference to the component

geometry, stress state, flaw characterization, fractoqraphic observations,

metallurgical information including component manufacture, and other

service information, sumarizes the raw data necessary for a complete

failure analysis of a fractured component. Table XV is provided to

summarize the data obtained for four of the example case histories to be

described in the following section. Note that in some cases, it was

possible to make a reasonably complete failure analysis without benefit of

all the suggested raw data information. Certainly, a successful failure

analysis will depend upon both the quality and quantity of information

obtained concerning the component fracture.

I. Component, size, shape, use (specify areas of stress concentration)
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II. Stress State for Component

A. Type of Stresses

1. Magnitude of stress levels (design stress)

2. Type of stress (e.g., Mode I. II, III or combinations)

3. Presence of stress gradients

B. State of Stress - Plane Strain vs Plane Stress

1. From fracture surface appearance

a. Percent shear lip on fracture surface

2. From calculations of estimated plastic zone ratio
thickness

C. Effect of Load Variation (time and loading frequency)

1. Hours of flying time

2. Estimate of nmber of loading cycles per unit time

3. Type of flight patterns

a. Random loading

b. Overloads (wind gusts and landings)

(1) Single or r ltiple

III. Macroscopic and Microscopic Examination

A. Nature of Critical Flaw Leading to Fracture (make use of clearly

labeled, i.e., accurate magnifications, etc., and accurate mcrophoto-

micrographs;.

1. Location of critical flaw by macroscopic examination

2. Critical flaw size shape and orientation before instability
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3. Macro- or micro-evidence of fatigue and/or corrosive attack

(e.g., rust, beach marks, etc.)

4. Surface or imbedded flaw

a. Evidence of fretting

5. Direction of crack propagation

a. Chevron markings, beach marks, pop-in indications

B. Manufacturing Flaws

1. Scratches, undercuts, weld defects (geometrical and hot and

cold cracks), misfit components

C. :Metallurgical Flaws

1. Inclusions, large second phase particles, entrapped slag,

voids, weak internal interfaces

0. Fractographic Observations

1. Qualitative observations

a. Dimpled rupture, cleavage, quasi-cleavage, intercry-

stalline fracture, fatigue striations

2. Quantitative observations

a. Striation spacings at known crack length positions

b. Striation spacing evidence of uniform or random loading

c. Stretch zone width at onset of unstable crack extension

IV. Component Metallurgy

A. Alloy Designation
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B. Mechanical Properties

1. aS Is

oy S
2. aTS

3. % elongation or % reduction of area "1

4. K1C and/or K data

5. KISCC value

6. Fatigue data relating crack growth rate to stress intensity

conditions with enviroment specified

C. Melting Practice, Ingot Breakdowm and Alloy Composition

1. Techniques to improve purity

a. Vacuum degassing, electric melting, etc.

2. Cross rolling or unidirectional rolling

3. Compositional variations within specifications for alloy

a. Interstitial content in titanium alloys

b. Carbon content in steels (also P and S)

c. Other tramp elements in alloys

D. Heat Treatment

1. With hardness, mechanical property tests and metallographic

sections attempt to answer the following:

a. Was tempering temperature correct (low alloy steels)

b. Was aging temperature correct (Al and Ti alloys, maraging

steels)

c. Was 500 and 850°F embrittlement present (steels)
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E. Microstructure

1. Mechanical fibering and band;ng from chemical segregation

2. Grain size and shape

a. Elongated with respect to stress axis

b. Grain run-out in forgings

F. Anisotropy

1. If possible, with available material determine KIcV K, yield

strength and elongation with respect to critical flaw orientation.

V. Component Manufacture

A. Forged, cast, machined, spun, etc.

B. Joined: /Welded, brazed, bolted, etc.

C. Surface Treatment

1. Shot peening and other deliberate compressive surface stresses

to component

2. Manufactuiring induced residual stresses A

a. In a large section (thermal or transformation)

b. Due to welds

3. Pickling and other cleaning treatments

4. Cadmium plating and/or other hydrogen charging process

VI. Service Information

A. Home Base for Aircraft

1. Veather experience
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a. Related to home base and route history

2. Cold weather de-icing chemicals

3. Water or salt water environment

4. Oils and fuel

B. Overhaul Information and Schedule

1. Cleaning fluids

1
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2. Component Failure Analysis Examples

The previous sections siarized the analysis method, significant

fracture features and material behavior which are important in failure

analysis development and its application to the investigation of actual in-

service failure problems. The following pages contain the detailed

analysis of individual failures In which at least some minimum level of

failure data was obtained. The examples are intended to demonstrate the

implementation of Fracture Mechanics as an analysis tool and identify areas

where more complete failure data and improved analysis techniques are

required.

Below is a list of those case histories on in-service failures which

are examined in detail on the following pages:

Example 1 - Analysis of Fatigue Failure of

Helicopter Rotor Blade ................. 179

Example 2 - Analysis of Aileron Power Control

Cylinder Service Failures .............. 191

Example 3 - Analysis of Crack Development During

a Center Wing Section Structural

Fagitue Test ............................ 205

Example 4 - Failure Analysis of Lower Front Wing

Spar Cap ............................... 215

Example 5 - Failure Analysis of Wing Carry-Through

Forging ................................ 221

177



Example 6 Summary of Center Wing Section

Analytical Investigation ............... 231

Other structural failures were investigated and examined as a part of

this program effort, however, much important component failure data was

missing, or lacking in clarity. In these cases only partial failure

analysis could be accomplished, which resulted in various missing links in

the logical application of Fracture Mechanics procedures. Since these

rather incowlete examples did not offer a comprehensive and meaningful

failure analysis approach, they are not included in this report.
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EXAMPLE 1

ANALYSIS OF FATIGUE FAILURE OF HELICOPTER ROTOR BLADE

From corporate reports, information concerning this failure was

obtained and entered into the suggested list of raw data as described in

the previous section necessary for complete failure analysis of the

component. In summary, a 0.020 inch deep lap in a 0.045 inch thick

section of 4340 steel was found to grow under cyclic loading conditions,

first through the component thickness and then as a through thickness

crack until total failure occurred.

In this failure analysis, two major factors were evaluated: (1) the

determination of the stress level and (2) calculation of component

fatigue life. The analysis procedures for each factor are outlined below:

I. Determinationi of stress level

A. Use information pertaining to fracture mode transition.

0. Use information pertaining to striation spacings at

different crack length locations.

II. Calculation of fatigue life

A. Detei-nine cyclic life to develop through thickness crack.

B. Determine cyclic life from through thickness crack to

failure.

I. Determination of the Stress Level

A. Use of information pertaining to fracture mode transition.
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Fror all callculat-ions in this analy-sis, it is :ocsidered that

AK = K. for simplicity of calculations (Subsequent to these calculations,

more detailed estimates of stress level were obtained from the manu-

facturer.)

From- the data sheets, the following information is available:

1. Fracture mode transition was complete at 2.3 inches from

crack origin.

2. Section thickness = 0.045 inches.

3. Yield strength = 140,000 psi.

The gemetry of the cracked component at the fracture ode trans-

ition could be considered similar to a centrally notched panel where "a"

2.3 inches. The finite panel width correction factor was not considered

to be very significant.

AK = (37)

where s = finite width correction factor and is in range of

1.0 to 1.2

a = 2.3 inches (crack length at the fracture mode

transition)

so that

AK = 2.7ao to 3.25Ao.

For 1001 shear failure

B lAK2  (38)

18ys
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where B = thickness (0.045 inches)

oys = 140,000 psi

Oc= 21

.045 = I (2.7A or 3 . 2 5ao) 2

(140,000)2

Ao = 27,600 psi for a = 1.0

= 19,200 psi for a = 1.2

B. Use of'information pertaining to striation spacings at different

crack length locations.

Assume da/dn = CAKn wn r-re n = 4

To evaluate "Co, data were extracted from a Carman and Ratlin

report[43] on fatigue crack propagation of steels. Where da/dn = 10-4

and AK = 80,000 (similar data by Carmlan and Katlin are shown in Example 3,

Figure 41).

10-4 = C(80,000) 4

C = 2.4 x 10- 2 4

In some preliminary studies, the manufacturers evaluated the exponent

"no to be 3.7. The resulting computed value of "C" was within 10% of the

value based on n = 4. Therefore, the value of C = 2.4 x 10-24 was used in

further computations for simplicity where "n" = 4.

Striation spacings of 2 x 10-6 inches were fdu..i on the fracture

surface at ±0.4 inches from the crack origin.
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2 x 10-0 = 2.4 x 10- 24 (AK)%

8K = 30,000

with &K = moo i-'

where a = ±0.4 inches

c = on order of 1.0 to 1.1

30,000 = o 10.41

Aa = 26,800 for c = 1.0

= 24,300 for a'= 1.1

Due to experimental scatter a,;sociated with striation spacing measure-

ments, the reported value of 2 x 10-6 inches could be in error by a factor

of two. Therefore, the calculated value of Aa could be either raised or

lowered by approximately (2)1/4.

Aa cou.ld be in a range of 22,600 to 31,800 psi when c 1.0 and

between 20,400 and 29,000 psi when c, = 1.1.

Additional striation spacing measurements were obtained at the base of

the surface flaw. However, no data were available concerning the exact

location on the fracture surface where the striation measurements were

made.

Therefore, Aa calculations uare made by assuming the measurmnts to

have been taken both at the base of the initial flaw and at the largest
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crack length just prior to the crack breaking through the thickness.

For this crack geometry let

[12wa ~t ..12(1 tan - (39)b Q [a 2t J(9
which accounts for an elliptical crack near the free surface and exten-

ding over a large fraction of the cross section. (RPference [1]),

when a = .020

Q = 1.35

2t Ira2t tan -L-= 1.2

AK = .253Ao

4Using da/dn = C.&K with a striation spacing measurement of 9 x 10-7

inches

9 x 10-7 = 2.4 x 10- 2 4 AK4

AK = 2.48 x 104

since AK = .253Ao

,to =98,000 psi

This calculated stress level is grossly out of line with other computeu

stress levels. It would appear that the striation spacing measurement was

in error assuming the measurement was made at "a" = .020 inches.
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If týie Snw dr2*A 2t t:h4c o larf__ t tcrar lpnoth

r~eree any reasonable r calculati•" on could be ade

a = .040

Q = 1.55

2t n =a 4.08

4= (1.03)4 G4i2 a2(6.95)

da _ CAK4

dn

9 x 0-7 = 2.4 x I-24(1.I) 4(9.'(.0016)(6.95)

La =42,000 psi

This value is also too high with respect to other calculated values

of e: so the striation measurement of 9 x 10-7 inches appears to be

invalid.

In summary, a mean value of aa = 25,000 psi appears to be reasonable

value to use in further calculations.

I1. Calculation of Fatigue Life

A. Deterrine cyclic life to develop a through-thickness crack.

From macroscopic examination, the elliptical flaw was found to
grow fro. n n07. inrh deen hy n . in li..h w. , i l.n nan h A••n k n. rn,

inch wide just orior to crack breakthrough.
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Ch putations of the numers of ioading cycles n-eed to exa-nd t-e

crack across the c•om nt were broken down into increm ntal steps. In

each step an average value of Q and tan !a was used.

Using the relationship (equation 39):

=2 = _ a 2 Ta[ t

with the first correction factor 1.07

a Q Q2 2t ta 2t Ta -2t T 2

Ta 2tn Ta 2t 7a tan

.020 1.35 1.82 1.43 0.84 1.2 0.79

.025 1.40 1.96 1.15 1.19 1.37 0.95

.030 1.45 2.10 0.95 1.74 1.65 1.29

.035 1.50 2.25 0.82 2.75 2.26 2.26

.040 1.55 2.39 0.72 5.66 4.08 6.95

tant Ta-12da=CeAK = 2.4 x 10-24(1.0 7)4L-4_2 a2[a a2t

;tan
=30.3 x 10-24 to 4 a2 ;a
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* da

a

f raLf t tan t

30.8 x 10-24C4[

between "a = 0.020 and 0.025 inches:

-2
2t tan La

c= 25,000 psi and Ta Q = 0.87

50-40
.•f = =960,000 cycles

30.8 x 10-24(39 x 1016)(0.87)

between "a' = 0.025 and 0.030 inches:

40-33.3
=30.8(39)(1.12) x 108 = 500,000 cycles

between 'a" = 0.030 and 0.035 inches:

33.3-28.6
.P1i : _________ = 220,000 cycles
f 30.8(39)(1.78) x I0- 8

between *a* = 0.035 and 0.040 inches:

28.6-25
"if = -_= 65,000 cycles

30.8(39)(4.60) x 10-8

Negiecting the .-,urber of cycles associated with crack extension from

3.040 to 0.045 inches, the total number of cycles to propagate the surface

flaw through thie skin thickness is calculated to be:
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960,000
500,000
220,000
65,000

I,7'T43 cycles.

B. Determine cyclic life from through thickness crack. t) failure.

For through thickness crack extension let

LK = *.!,-a where m = 1.0 to 1.2

Using a. = half length of elliptical crack at the poo-throbgh

position

a = 0.075 inches.

da K4 02
d- - wCLK with C = 2.4 x 2 4

& = 25,000 psi

da 2.4 x 10-2 4 L42 2=2 -62
dn = = g.2x a

when-= 1:

af 13.3
I_ _ da~ _ _

N f =1 = 6 133

9.2 x 10- .075 a' 9.2 x 10-

N f = 1.45 x 106 cycles

when a = 1.2:

Nf = 705,000 cycles.
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T-e total nmber of cycles of through thickness crack extension will,

therefore, probably be in excess of 106 cycles.

The total calculated fatigue life is then about 2.8 x I06 cycles.

The actual number of incurred cycles, assuming one load excursion Per

cycle, is calculated to be 56.7 hours x 230 rpm = 780,000 cycles.

The computed life is, therefore, found to be about 3.5 times greater

than the actual life.

III. Final Coments

The computations give reasonable agmement with the actual case

history. To account for the factor of three in error for total life,

several factors could be taken into consideration:

a. For these calculations, a..an was taken as AW/2. From data

supplied by the manufacturer, it is suggested that amean = 35,000 psi

rather than = 12,500 psi used in the calculations. From the literature,

it is found that if the mean stress is tripled, the growth rate will be

approximately tripled, thus, leading to a reduction in cyclic life by

a factor of three. This consideration of Gmean could well account for

the observed discrepancy.

The calculated value of au = 25,000 psi falls within the

manufacturers estimate of the stress range (i.e., 12,000 to 28,000 psi).

b. If it is assumed that the component environment was more severe

than the laboratory tests of Carman and Katlin[43] (from which 'C" was
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calculated), then the calculated number of cycles would be expected %o

be lower since aC" should be higher for more aggressive environments.

However, Wel, et. al., have pointed out that as KIc increases, the

material becmes less sensitive to environment with respect to fatigue

crack propagation. W-th 4340 :;teel at a oys = 140,000 psi, it is

expected that KIc would be fairly high so Cn r.ight not be very dependent

on environment.

c. It is significant that the analysis as well as giving a

reasonable estimate of fatigue life. also critically evaluates the data

and rejects incorrect information (e.g., the striation spacing measure-

ments of 9 x 10-7 inches taken at the base of the elliptical flaw).
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EXAMPLE 2

ANALYSIS OF AILERON POWER CONTROL CYLINDER SERVICE FAILURES

1. Introduction

The aileron power cylinder contains fcur-srallel bores, pressurized

ty two separate pumps. Many failures of this component have occurred

either by failure through the component outer wall to the cylinder bore or

between two cylinder bores. In either case, loss of pressure has

resulted in aircraft malfunction.

lest results indicate thac the normal mean pressure in these cylinder

bores is about 1500 psi and varies between 750 and 2250 psi due to aero-

dynamic loading fluctuations. During an in-flight aileron maneuver, the

pressure should rise to 3000 psi with transient pulses as high as 4500 psi

due to hydraulic surge conditions associated with rapid command for aileron

repositioning. Fatigue cracks have been nucleated mainly at metallurgical

defects and grown to a critical length. To rectify this problem, the

component was redesigned with the external wall-to-cylinder bore thickness

being increased by 0.10 inch while the bore-to-bore wall thickness was not

changed. After this design change, failures were confined to the area

between the cylinder bores. Subsequent redesign has involved new material

selection.

Information concerning failure of this component was obtained from

conversations with engineering personnel and from three failure data

sources:
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e fract4rea comne-t was avai az)e for stAdy

,.it-n no addftional informlation except tnat it was of

,ne 1.aer desion.

Case 4 -. reaLort was furnis',ed concerninc tvne failure of the

coMonerts wit- the rnw design.

Case :11 - A r;ort: _f tne ccamonent failure with the old

design.

AIl, tne available data for tnese cases has been entered into Table

XV in Section D.1 according to the 'Suggested List of Raw Data Itecessar_

for Cmplete Failure Analysis of Cc.onent'.

2. Coz.,nent Analysis

Ther comopoent raterial was 2014-T6. The tensile and yield strengths,

and fracture toughness ve.rses for this material are reported to be:

Lonri t:dinal Long Transverse

aTS = 73.7, KSI OTS = 72.1 KSI

oys = 68.3 .SI = 56.4 KSIys

= 26.8 KSIW' KI = 21.5 - 24.5 KSIT!•.

,in this commoent the longitudinal direction appears to be parallel

to the bore axis. The hoop stress in the cylinder is mst likely acting in

the short trans-erse direction.

Extensive plane strain conditions are to be expected in a comonent

wnen te thickness and crack length are greater than:
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" If
[v2

Using the transverse values for yield strength of 56 KSI and the[inimw KIC value of 21.5 KSII'TN, (corsideration being given to short

transverse crack orientation), extensive plain strain conditions wo~ul

be expected if the thickness and final failure crack length were greater

than 0.15 inch. In all failures examined, this was the case.

a. Analysis for Case I:

As described in the data sheets, an elliptical surface flaw,

0.25 inch deep and 9/16 inch long, was observed to grow from the inner

bore of one cylinder towards the bore of the adjacer'. cylinder as shown

in Figure 38. A series of concentric markings suggested the mode of

failure in this stage of the failure to be fatigue. After this stage, the

crack appeared to propagate by a different mechanism through the thickness

and parallel to the bore axis for a total length of 1-1/16 inches at which

time unstable fracture occurred.

The key geometrical data are:

thickness (t) = 0.33 inch

elliptical crack depth (a) = 0.25 inch

elliptical crack length (2c) = 0.56 inch

a/2c = 0.445

eTliptical flaw correction factor (Q) = 2.2

.,ore diameter (D) = 2-3/16 inches

through thickness crack length (2a 1 ) 1-1/16 inches
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Figure 38. Actuator Cylinder Geometry and Fracture Description for Case I

If was assumed that unstable fracture occurred in the short transverse

direction with a through thickness crack length of 1-1/16 inches. The

lower value of the KIr data was used in the calculations as the critical

value since the fracture was in the short transverse direction rather than

in the long transverse direction.

KIC : r a•Vl (40)

8.5-
21,500 = 8.5

16,600 osi

This calculated value represents an estimate of the stress level at

fra::z1re
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Since the cylinders have a large diameter to thicKness ratio,

pressurization could be analyzed in terms of a thin walled cylinder

formulation. Since both cylinders are pressurized, the hoop stress

between cylinder bores is estimated to be

p 2PD (411)Ohoop 2t

Using the component dimensions and the calculated stress level at

fracture (i.e., 16,600 psi) the pressure level at fracture is calculated

to be

2P(35)
16,600 16

2(.33)

P = 2500 psi

Since the normal mean pressure in the cylinder bores is about 1500

psi and reaches a maximum of about 2250 psi, it is reasonable to conclude

that unstable fracture was precipitated during pressure buildups asso-

ciated with an aileron repositioning maneuver.

The change in fracture mechanismi when the elliDtical crack reached

a depth and length of 0.25 and 0.56 inches, respectively, could have been

due to the onset of static stress corrosion cracking at a stress intensity

level equivalent to KISCC. For such an elliotical flaw

.2 ]2 12 ra f2t -K2 = 1 + .12(l - - tan -- (42)
L ci --a 2tj

For the given flaii geometry
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y2 =2[1 2 a 2( .66) tan '1
K2 = + .12(1 - ]� 2.2 T L.]

K= .88c

It is assumed that the major stress associated with static stress

corrosion cracking is the stress associated with the mean pressure level

of 1500 psi. The associated hoop stress is, therefore

2(1500)(T6)

hoop = 2(.33) = 9900 psi

Using this stress level, the stress intensity level for the onset

of static stress corrosion cracking is calculated to be

KISCC = .88(9900)

ISCC= 8700 DsiiW

For cracking in the short transverse direction, the computed K value

is a reasonable estimate of the K level.
15CC

b. Analysis for Case II:

The pertinent data concerning the failure of the component with

the new design are included in Table XV.

There is some concern about the accuracy of reported magnifications

for key photographs. It is generally not the best practice to rely

exclusively upon photographic evidence when performing a failure analysis.

The reporter shall make careful measurements to be included in the text

or suitable tables and then also provide photogra•hs of the iareas of
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interest. In this case history, certa.in information was only aiiilable

from photographs which contained no d•trensional reference.

Comparing typical conuonent dirensions in Case I with dirensions on

Figure 4 of the Case II report revealed, the magnification (not stated

in the Case II report) to be l.4x. On this basis, the thickness between

the cylinder walls is calculated to be 0.38 inch. Since the redesign on

this comp-oent called for no change in wall thickness between the cylinder

bores, it is not clear why the thickness was different in these two cases.

In addition, the profile of the wall thickness shown in Fioure 12 of the

Case II report for the reported magnification is found to be 0.45 inch

which represents a further discrepancy from the measured thickness in

Case I.

From the Case II report, with particular reference to Fioure 4, an

elliptical flaw was shown to propagate across the ligament connectinq the

two cylinder bores. The fatigue crack (delineated by a series of concen-

tric rings) was seen to propagate through the wall thickness to produce

a through thickness crack 15/16 inch on the side of the origin and 3/16

inch on the surface of the other cylinder bore as shown in Figure 39.

In the report, it was felt that this crack shape revresented the final

configuration prior to fracture. However, closer exam.ination revealed

evidence of further stable crack extension by sore additional mechanism.

It is again suggested that this stable crack extension is probably

associated with stress corrosion cracking, occurring at relatively low

stress intensity factor levels as reflected by the relatively s.ooth
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nature of the fracture surface. !he total liength of the through thick-

ness flaw was observed to be approximately 1.2 inches (Figure 39.

The pertinent data for this analysis are:

thickness (t) = 0.38 inch

elliptical flaw depth (a) = through thickness

elliptical flaw length (2c) = 15/16 and 3/16 inches

p, 0.38J

-1.2

Figure 39. Component Geometry and Fracture Description for Case II

bore diameter (D) = 2-3/16 inches

through thickness crack length (2a1) = 1.2 inches

Since failure occurred in the short transverse di,.ection, the lower

value of the KIC range was used in the computation.

KIC = ci--l

198



21,500 =/•( c)

21,500 = 1.38,

a = 15,600 psi

Usino the thin walled cylinder formul&tion, the bore Dressure at tr.e

time of fracture could be calculated

2PD
Shoop 2t

15,600 = 2P16)

2(.38)

P = 2700 psi %or 2350 psi if the thickness were 0.33

inch).

It again aprears that fracture occurred during pressur'zation tc the

3000 psi level.

The magnitude of KISCC could be checked again by estimating the K

level associated with the partial through thickness crack where the static

stress corrosion cracking mechanism was initiated. Whereas the through

thickness crack had lengths of 15/16 and 3/16 inches on each surface

respectively, an estimate of the stress intensity condition could be -ade

using the maximumw and average values of the crack length "2a",

Therefore, let "2a" = range between 9/16 and 15/16 inches.

Using a stress level of 8700 psi associated with a cylinder tore
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oressure of 153'3 psi, the range of K levels is calculated to be

K

K 8700 T~-6-8200 psi/i71

and 
K 8 0 7 I 

-T6--10,600pii

K%,7 16

which is in good agreement with the calculated value in Case I.

Thus far, from the calculated results in Case I and Case 11, it may

be concluded that cylinder bore pressure was greater than 2500 psi at the

-time of failure indicating that fracture occurred during a pressurization

event. In addition, couwuted values of K1 SCC are found to be in the

range of 40 - 50% of KIC. These conclusions are reasonable and appear to

validate the fracture mechanics approach to the analysis of the vroblepi.

c. Analysis for Case III:

In the Case III report there is further concern with respect to

the accuracy of the stated magnifications of the photographs. From the

text of the report a preexistent surface flaw (with '2c" = 11/16 inch)

was observed to propagate most of the way through the thickness before

unstable fracture. Frvom Figure 5 of the Case III report, the value of

"2c" on the surface was 2 inches (it was 2-3/16 inches just belowe the

surface). Thte photograph is reported to be 2.5x magnification but this

would give 2c = 2/2.5 = 0.8 inch which is not in agreement with the

report text value of 11/16 inch. To correct this, it appears that the
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correct magnification should have been 3x. On this basis, the observed

3 13
"2c" values of 2" - 2 " would actually be 0.67 to 0.73 inches,

which agrees with the 11/16 inch (or 0.69 inch) value mentioned in the Case

III report. In addition, on the basis of 2.5x the thickness between the

cylinder bores was determined to be 0.4 inch. However, the actual component

was 0.33 inch. If the true magnification was actually 3x, then the computed

value of thickness would be 0.33 inch and in agreement with the true value.

It is, therefore, assumed that the proper magnification is 3x in Figure 5

of the Case III report.

In this case an elliptical crack is again initiated on the surface of

the cylinder wall and propagates towards the adjacent bore. The flaw,

which was observed to open normal to the bore hoop stress, did not

propagate completely through the thickness, and consisted of a series of

concentric rings again suggesting the role of fatigue damage during crack

extension. It was not possible to ascertain whether further growth

occurred beyond the elliptical flaw due to the lack of sufficient photo-

graphic information.

The pertinent data for this analysis are:

thickness (t) = 0.32 inch

elliptical flaw depth (a) = 0.29 inch

elliptical flaw length (2c) = 0.69 inch

a/2c = 0.42 so that Q = 2.15
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As in Case 1 the hoop stress for an average bore pressure of 1500 psi

was found to be 9900 psi.

For a deep elliptical flaw, K may be estimated by

2= [I1+ .12(1 2 -a tan (43)LY cj Q -,a 2t]

K Ism = 12,600 psi/iW

Since the crack depth to section thickness ratio in this case history

is approximately 88%, the computation of K may be subject to substantial

errors due to less precise determinatiorn of the individual correction

factors (e.g., inaccuracy of the tangent formula correction at large a/t

values) and the possibility of substantial plasticity corrections necessary

when the unfractured ligament becomes very small. Nevertheless, the

agreement between the results in Case I, II and III is reasonable.

3. Analysis Conclusions

a. The cylinder bore pressure at the time of failure was calculated

to be greater than 2500 psi indicating that fracture occurred during

pressure buildups associated with an aileron repositioning maneuver. In

addition, a probable KISCC value of approximately 9000 psi/ iwas computed.

These values, which are considered to be reasonable estimates, were

computed from both fracture mechanics and simple strength of materials

relationships and demonstrate the usefulness of fracture mechanics concepts

in the analysis of this failure.
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b. Failure in all three cases was associated with crack extension

in the short transverse direction normal to the direction of the hood

stresses.

c. An elliptical crack grew initially by a fatigue process and then

presunably by a stress corrosion mechanism during the latter stages of

extension.

d. The accuracy and proper implementation of the analysis method was

compromised considerably by the lack of dimensional references in photo-

graphs of the fractured surface. It is critically important that greater

care be taken when reporting the photographic magnification of macro-

fractographs in magnifications up to about 20x. The use of fracture

mechanics concepts requires the accurate knowledge of specimen dimensions

and flaw geometry. It is necessary to educate the failure report writer

that a macrophotograph serves an important function in a quantitative

analysis in addition to giving the reader a "general and overall" (and

apparently dimensionally inexact) view of the fracture surface.
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MAI.LYSIS OF CRACK DEVELOPMENT DURING A CENTER WING SECTION

STRUCTURAL FATIGUE TEST

This analysis reviews the failure of a wing center section lower

plate in a structural fatigue test. The lower plate was a steel alloy

with a verified yield strength of 218 ksi. The test structural section

was subjected to a known program of loads which led to a computed stress

level of 120 ksi at the instant of final failure. Other stress levels

associated with subcritical flaw growth, i.e., bands of fatigue crack

growth, computed in a like manner will be introduced into the analysis

later.

The crack emanated on two sides of a hole on the same side of the

plate and spread during fatiguing into a semicircular flaw with portions

on each side of the hole as indicated on the photographs to follow. The

circumstances surrounding final failure will be independently analyzed

by three separate methods:

1. Direct crack tip stress intensity analysis of the instant of

final failure,

2. Anialysis of shear lips accompanying final failure, and

3. Analysis of fatigue crack growth rates just preceding final

failure.

These independent analyses illustrate quantitative cross-checking of

circumstances of final failure using fracture mechanics analysis.
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1. Direct Analysis of the Final Failure

The flaw geometry at final failure is shown in Figure 40. The objec-

tive of this analysis is to bracket the critical stress intensity, Kc,

associated with the final failure by calculation of upper and lower limits

(or bounds) on the applied stress intensity.

The lower limit can be calculated by ignoring the influence of the

hole and thinking of the crack as a semi-circular surface flaw of radius,

a = 0.34 inch and ignoring the hole underestimates in the actual applied

stress intensity. With a free surface correction of 1.12 conservatively

0.70" 1T 4iL..0.34"

I.-0.68"..j

Figure 40. Plate Flaw Geometry at Final Failure

reduced to 1.05, the proper formula is:

KL 1.05 o(44)= 12)

K - 1.05(120),f,(0.34)
L (412)
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K1  83 ks i/

This is a slight underestimate of the actual applied stress intensity, K,

but is believed to be within about 10% of the correct value. No KIC data

is specifically available for this component failure analysis, therefore,

an actual value or probable "measured" value cannot be stated.

An upper limit may be calculated by taking a through the thickness

(of the plate) crack length, 2a = 0.68 inch. Noting earlier discussion

of cracks near holes, the hole has little influence on K here, thus the

proper formula is:

KU = aw= 120 T(0.34)

or

KU = 124 ksi/T-

This result is a considerable overestimation of the actual applied K by

about 30 to 40%. (Moreover, it could absolutely not be an underestimate

since in growing catastrophically the crack must have passed this config-

uration and if it did so without arrest, the value of applied K here must

be higher than that for commencement of rapid propagation, the case under

discussion.)

Therefor., the critical applied K for the crack at the instant of

final failure is bracketed in the following way:

83 :KL < K c << KU 124 ksi/i-
(10%) (30 to 40%)
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From these considerations, the estimated K value for the failure of

this material is:

K = 85 to 100 ksi/n"
C

or a best single value of

K = 90 ksi/i-nc

2. Estimation From Shear Lip Size

From the photographs of the fracture in Figure 41, the shear lips

accompanying final failure are easily observed. From measurements

adjusted for magnification of the photos, the width of the lip along

each surface is slightly less than 1/32 inch.

The material obviously.exhibits clear distinct shear lips and in such

a case the shear lip width is fairly well approximated by the calculated

plastic zone radius, ry, (for plane stress) where:

K2
rry K-2 (45)

yp

Substituting the yield point stress of the material, 'yp = 218 ksi:

K 21/32" >r -

Y 2-(218)2

or

K < 103 ksi iF-n
c
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8741 FW-1 5X

8740 lox 8739 FWD lox

Figure 41. Photographs of Fracture Surface After Final Failure
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Thus, a best estimeted K value is approximatelyC

K = 90 ksi/42C

It should be noted that this number is calculated from entirely

different and independent data than the previous identical estimate based

on direct analysis of final failure conditions. Thus, further confidence

is developed in the quantitative validity of the analysis.

3. Fatigue Cracking Rates Preceding Final Failure

The fracture surfaces shown in the photos show bands (of different

texture or color) due to programmed fatigue cracking. Each band

represents cycling to a particular load level for a certain number of

cycles.

Just before final failure, the load program is known and the bands

of fatigue cracking can be readily identified with particular known

loadings.

For the last large band before failure, the number of cycles applied

was tN = 15 and the computed stress level was a = 20 to 130 ksi (in

proportion to load). From the photo of the fracture surface, the width of

the band is Aa = 1/80 inch. Thus, the rate of crack growth was

da -Aan 15= 8.3 x 10- 4 in/cyc

Figure 42 shows data on high strength steel alloys from Reference[43] for

the rate of '-,ack growth da/dn com, pared to the range of the stress
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intensity factor, AK. Using the above value for crack growth rate in

Figure 42, a best estimate of the applied AK is:

,AK = 70 ksi/IW-n-(best estimate)

To find the maximum value of ait 'ed K during this cycling, AK should be

multiplied by the ratio of maximumi load (ama), to the load range
max -min or

130Kmx=7C - 1-= 88 ksi/i

during cycling just before failure.

This calculation can be repeated for the next to the last band

where:

&n = 2 cycles

= = 20 to 144 ksi

Aa = --L inch
160

or

da 1 1 3 x 10-3 inch/cycle.

In Figure 42 this implies:

K= 75 ksi /IW (best estimate).

Again, using this data to ccmpute the maximum, K applied prior to failure
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0max 75(144)Kmax A --- = 124 90 ksifir,

These two calculations leading to Kmax values of 90 ksiW i-just

before failure represent minimums, but minimums very close to the values

for Kc for final failure. Thus again Kc = 90 ksi/A- has been verified

by three independent methods of calculation. Consequently, these final

failure conditions are fully documented beyond reasonable doubts.

Viewing the structural component in a different manner, one can also

see that the fatigue crack growth rates just before failure could be

predicted by backwards calculation. The backwards calculation, if based

on methods in Reference [43], required only the knowledoe of stress levels

and the crack shape and size.

4. Component Analysis Conclusions

The failure occurred due to growth of fatigue cracks whose rates of

growth can be fully anticipated. Fatigue may then be listed as the "cause"

of the failure and the problem may be avoided by several means:

a. Reducing stress levels will reduca fatigue crack growth rates by

approximately *he 4th power of the ratio of stress level reduction.

b. Eliminating the hole would reduce local stress concentration

effects in initiating cracking and thereby would greatly prolong obtainino

a sizeable crack.

c. Crack inspection intervals could be set to assure no failures

between inspections.
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This example has thus served its purpose here by providing a good ilius-

tration of the improvement of failure analysis methods employing

fracture mechanics.
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EXAMPLE 4

FAILURE ANALYSIS OF LOWER FRONT WING SPAR CAP

The failure reports contained rather complete spar cap geometry

and fracture surface description, including a fractured component. From

the photographs and the part specifications, it was possible to estimate

the size of the flaw leading to failure.

The crack nucleated at a 0.193 inch fastener hole and spread through-

out the flange of the spar cap. It progressed (somewhat like a corner

crack) into the heavy section of the spar cap where instability occurred.

The cross section dimensions of the spar cap and geometry of the actual

fractured surface are shown in Figure 43.

In the heavy section of the spar cap (.500 in thick section), it is

probable that considerable plane strain conditions would be encountered

since the necessary thickness for plane strain should be

t>2.5 2- 9 2/_)5 inch

which is less than the section size in question.

The component was subjected to a series of random loads during its

6012 hour life and failed after a positive 5g, 20 degree dive and pull

out maneuver.

An estimate of stress level in the critical area is possible based

upon strain gage readings from uncracked components subjected to a range
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DATA:
Material - 7075-T6

a = 72 ksi ------
ys

KIC = 24 ks iA 0.100 _

= l I

IC(0.107)--••

I02 I

- a2.206 (2.10)

Outline ofInitial • , 1.01"0m '- 118

Extrusion 0. 1144

•• -• 0.163_- (-.)l210.168)

0.032017 S.75

~ 2.798
(2.72) 0.193 hole

countersink 1000 x 0.407D
Numbers in parentheses are
actual failed part dimensions

Figure 43. SparCap Cross Section Geometry and Fracture Description
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of g loads.

Using a load factor of 5.25g in the vicinity of the fiaial crack length,

the associated stress was found to be = 20,000 psi.

1. Component Analysis

Since no direct method is available to estimate the stress intensity

level, a reasonable solution can only be obtained by a series of simple

approximati os.

a. Approximation for 1.4 inch edge crack:

First, assume that the K level at instability is approximated by

the stress intensity conditions at the tip of an edge crack 1.40 inch long

(1.15 inch flange length + 0.25 corner crack depth). Since the major section

containing the corner crack is much thicker than the cracked flange and the

other flange is not broken, there should not be much bending superimposed on

the tensile opening of the cracked flange.

K M= /1 (46)

where a = 1.1

a = 20,000 psi

a = 1.4 inches

= 1.1 (20,000) ,'(T.4)

K = 1.1 (20,000) (2.1) --46,000 psi/i-W

This value should serve as an upper limit of the K level at fracture since

the importance of the contribution of the cracked flange to cause the failure
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should decrease with decreasing flange thickness. The contribution of

the cracked flange (0.168 inch thick) should not be as great as the crack

embedded in the 0.500 inch thick main spar section. In the limit, if the

flange thickness were to decrease to zero, then there would be no contri-

bution of the cracked flange to the necessary conditions for failure.

b. Approximation for no flange crack influence:

Under the conditions described above where the flange thickness

is reduced to zero, the K level at fracture could be approximated by the

corner crack in the 0.50 x 1.0 inch section. This estimate should place

a lower limit of the K level at fracture.

The corner crack shape is not circular but rathcr extends to its

greatest depth at roughly 45 degrees to the corner. However, for ease of

computation, the corner crack will be treated as a circular flaw extending

0.25 inch into the thicker section. This simplification should place a

moderate overestimation of the lower limit of K being computed.

K _ (1.12)2 2  ,/'-"

K > (l.25)(0.64)(20,000) ,/w(0.25)

K.,> 14,000 psi/i'-T

2. Analysis Conclusions

On the basis of these two simplified computations, the stress intensity

level neccsýary for fracture (the KiC level in all likelihood) should be
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between 14 -46 ksi/i'W 7075=T6 aluminum alloy does have K c 24 ksi.

Since the contribution of each factor, i.e., the 1.4 inch long cracked

flange and the 0.25 inch corner crack, should depend upon the relative

thickness of the flange section to the main section of the spar, it should

be possible to crudely estimate the critical stress intensity level at the

point of fracture on the basis of a weighted average (with respect to

thickness) of the two K limits.

The effective K at fracture was considered to lie between the two

extreme values compute~d above. Using an equivalent thickness of unity,

the weighted average K value on the basis of the relative thickness of the

two sections of the component should be closer to the lower limit since

the corner crack occurred in the 0.5 inch section as compared to the 1 .4

inch crack in the 0.168 inch section. This would indicate a relative

influence of 75% and 25% respectively for the two thicknesses. Thus:

Keffective if (1,0) W~ (46,000)

Keffective 10,500 + 11,500

Keffective =22,000 psi/AWn

which is in good agreement with fracture under plane strain conditions in

this alloy. This computed value is plausible in view of the absence of

shear lips at the instability point.
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ii EXMW'LE 5

FAILURE MALYSIS OF WING CARRY-THROUGH FORGING

1. Introduction

After a service life of 5269 hours, a four-inch long crack was

observed in a forged 7075-T6 wing spar. The crack initiated at a

longitudinal split located parallel to the major stress direction as

shown in Figure 44. The split was nucleated along planes of weakness

resulting from the forging process. It has been assumed that the

crack initiated at the longitudinal flaw and grew normal to the major

stress direction to a semicircular surface flaw shape with a radius of

0.43 inch. At this point, the crack reached a critical size in the 0.8

inch wide by 0.6 inch deep flange resulting in rapid fracture. The

unstable crack then ran along the three inch long web section (about

0.3 inch thick) and was finally arrested near the region of larger cross

sectional area. At this point stable crack growth by a fatigue process

was resiued.

Additional data concerning detailed measurements of the flaw

geometry before and after instability were obtained from the actual

fractured component which was available for detailed examination. The

necessary failure analysis information is tabulated in Table XV of

Section II.D.1. In addition, the fracture surface was examined in the

Bel Research Laboratory using electron fractographic techniques.

Additional data from this study are also reported and analyzed.
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Figure 44. Fracture Surface Appearance of Wing Carry-Through Forging

2. Component Failure Analysis

From the failure report[44],• the actual component, and discussions with

engineering personnel, a minimum necessary amount of information was gathered

to allow for an approximate fracture analysis of the component.
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The spar mnaterial was 7075-T6 aluminum alloy and was reported to have

the following properties:

KIC = 24 ksi /AM

ys =68 ksi

A measure of the severity of the stress state can be obtained by a

comparison of the relative plastic zone size to the thickness of the

component containing the crack. Approximate plane strain conditions are

expected when the component thickness is greater than

For this case,

[=C2 ? [68] = 0.125 inch

Since the flange section was 0.8 inch x 0.5 inch, plane strain conditions7r "

ere probably associated with the failure.

From the sketch of the critical flaw dimensions in the flange (Figure 44),

the flaw was of a semicircular configuration at the point of instability. It

is our considered judgment that the starting crack, which initiated at the

forging delamination, grew laterally along a front extending approximately

0.46 inch in length. In this way, the stress intensity factor increased as

the "tunnel" shaped crack moved laterally in both directions. This viewpoint

is supported by the observation of a "pop-ino just prior to final failure.
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The orientation of the "pop-in" markings indicates a lateral direction of

crack propagation.

As the crack moved laterally, a small shear lip was developed at the

flange surface which represented the extent of plane stress conditions in

this component. Therefore, by equating the size of the plane stress plastic

zone at instability to this shear lip (approximately 0.025 inch), it was

possible to estimate the stress intensity condition at failure.

rr 2
zi. I- 0.025 in (41)

[]2= 0.157

K PX 04ays

KA -= 27,000 psi/1,,W

The computed value of the stress intensity factor compares favorably

with the KIC value of the material, indicating the existence of plane strain

conditions at fracture.

Using the computed value of K = 27,000 psi/i7n. and the half crack

length of the tunnel crack ("a" = 0.23 inch), it was possible to compute

the prevailing stress state.

K = o/• (48)

27,000 = a/(0.23)
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Ii 0 = 31,800 psi

The computed maxiým stress associated with fracture is in good

agreement with the actual stress state estimated to be in the neighbor-

hood of 35,000 psi.

In the above computaition a more precise estimte of the stress

intensity level was not attempted since the two major correction factors

would heie been somewhat self-compesating. For example, a correction

factor should have been added to account for the crack being as large

as one half the section size. On the other hand, the curved crack front

should have suggested the use of a smaller effective crack length than

the maxim.m length used in the calculation.

The delamination was observed to extend into the web section,

thereby, dividing that region into two nacions, 0.13 and 0.17 inch thick,

respectively. In the 0.13 inch section, a clearly defined transition from

flat fracture to 100 percent shear failure was observed after the crack

had extended to a length of about 1.0 inch. Using this observation it was

possible to estimate the plane stress fracture toughness level.

t I K' (49)
ays

For the full shear case, ac is estimated to be in the range of 4 to

2-. Therefore, for t = 0.13 inch the limits are:

.13 * -- and .13 21 --

ays ays
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using tAe vaiue of : = 68,00U psi, it is found that

K --= 49,000 psi/-n- to 61,000 psi /,rn-

These values are in excellent agreement with the results of Zinkham[l0].

A few selected fractographs revealing fatigue striations were included

in the failure report. It was not possible to makf any meaningful compu-

tations based on these photographs. First, the Orack length at which these

striations were observed was not known and second, it was not clear whether

these striation spacings were representative values of fatigue crack growth

rate in that region of the fracture. To make use of fractographic evidence

in this failure analysis, ,the specimen was examined at the Del Research

Laboratory. Reolicas were made from selected regions along the crack and

examined in the electron ýicroscope. It was immediately obvious that the

component had been subjected'to a random loading pattern since striation

spacings varied nonuniformly A'ong the entire crack length as shown earlier

in Figure 36 on page 150. At approximate crack lengths of 0.50, 0.15 and

0.23 inches the range of observe&:striation spacings varied from 3.1 x 10-6
-5-6 5-6 _ -4

4.5 x 10 5 , 4.1 xlO - 6.9 x 1 , and 9.4 x 10 2 x 10

respectively. Since striation soacings can be related to the stress inten-

sity fictor range[45], it is possible to estimate the stress intensity

conditions from these fractographic observations. It is extremely

inpurtant that this task be approached with caution since the size of the

striation for a g-ver, load application is also dependent upon the previous

loac.-.c -Stcry-4E.'. For exarmple, prior overloads will result in a

smaller stria:ton spacing than expected for a given load application[26].



This effect should be important in random loading conditions. Nevertheless,

taking many readings of striation spacing in a given region should, for a

first approximation, represent the range of stress i;itensity range levels

at the advancing crack tip. Using the data for 7075-T6 aluminum alloy

presented in the paper by Johnson and Paris!lI], estimPtes of stress

intensity factor range were obtained. For the crack length of 0.05 inch,

using the above mentioned range of observed striation spacings, the stress

intensity factor range was estimated to be between 7500 psii/T- and 14,600

psi/i'ni as a result of the fluctuating loads. For a tunnel crack

AK =

n7500 d 14,600/7,(0.05) A.(0.05)

= 18,800 - 36,500 osi

For the crack length of 0.15 inch, in a similar menner, the stress

intensity range was found to vary between 8000 psi/i n-and 16,300 psi/Tn-.

The stress range computed for these data was

Ac =11,600 - 23,700 psi.

Finally, for the crack length of 0.23 inch, the stress intensity range

levels varied between 9900 psi/1-n-and 21,200 psi 42Tn-(estimated from large

striation, or stretch zone, at the point of crack instability). The

stress range computed for these data was

Ac = 11,600 - 25,000 psi

On the basis of these computations, the averaged maximum stress
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range is estimated to be about 28,400 psi as compared to a previously

calculated maximum stress level of 32,000 psi, both values being within the

engineering estimate of 35,000 psi as a maxi.. value. The agreement in

computed values indicates that the mean stress was not high and that the

component was loaded in a nominally low load - maximum load manner. In

further support for this conclusion is the fact that the largest stria-

tion spacing before the onset of void coalescence corresponded to a stress

intensity range level of 21,200 psiAin which compares reisonably well with

the computed maximu stress intensity level of 27,000 psitWi,.

3. Analysis Conclusions

a. The crack was nucleated at a forging defect which delaminated

under loading parallel to the maximm stress direction.

b. The long narro crack gre laterally to a semicircular shape

prior to instability.

c. On the basis of shear lip calculations, the maximum stress

intensity level was computed to be 27,000 psi i' indicative of plane

strain conditions. The associated stress level was found to be 31,800

psi in good agreement with engineering estimates of 35,000 psi as the

maximu stress level.

d. On the basis of fractographic observations, it was concluded that

the component had been subjected to a random loading history with a

maximm stress amplitude of approximately 28,4W psi. The agreement in

magnitude of the maximum stress and stress range values suggests that the

component was not subjected to a high mean stress.
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e. The analysis clearly demonstrates the uatility of macroscopic

and microscopic fractographic observations in failure analysis.

[2
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EXAMPLE 6

SUMMARY OF CENTER WING SECTION ANALYTICAL INVESTIGATION

The following summarizes the analytic investigation of the center wing

section lower skin for a military aircraft. This failure analysis example

is taken almost verbatim from an Air Force Flight Dynamics Laboratory

report[49] since it exemplifies the use of Fracture Mechanics concepts in

failure analysis.

1. Residual Strength Investigation

Perhaps the most powerful and currently accepted method for analyzing

the residual strength of fatigue cracked structures is by the use of the

Griffith-Irwin theory of fracture mechanics. This theory states that rapid

crack growth or fast fracture will occur when the stress intensity factor

K (a measure of the stress field intensity at the crack tip), calculated at

the time of failure reaches the allowable value of Kc for the specified

material.

The stress intensity factor K may be determined for various geometrical

configurations by use of the theory of elasticity. For the case of a finite

width plate containing a central crack the expression is:

Ko' aibatan a- (50)
2b

where

a = half crack length

2b = plate width
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= gross area stress in plate

For the case of a crack emanating from a circular hole, as shown in

Figure 45, the equation has the form

K = o'W [F(W)J (51)

where

L = crack length not including the hole

R = radius of hole

F() factor which is a function of the ratio L/R

and has different values depending on whether

the crack L is present on one or both sides
of the hole.

R

Figure 45. Geometry for a Crack Emanating from a Circular
Hole in a Plate
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For each of these cases the crack is assumed to extend throuah the

thickness.

For the wing skin the hole diameters under consideration are 1/4 inch

and 5/16 inch. The total effective half-crack length approaches a value

equal to the hole radius plus the side-crack length (i.e., L + R) for

relatively small values of L. For the two hole diameters, these values of

L and R are as follows:

Hole Side Crack

R L

1/8 in. 0.030 in.

5/32 in. 0.035 in.

The value of K. (fracture toughness) is dependent upon plate thick-

ness, temperature, geometry and material and must be determined by test.
Essentially, Kc decreases with increasing thickness and approaches a value

of KiC known as plane strain fracture toughness. Typical values for

7075-T6 aluminum are listed below for various thicknesses.

Thickness Kc Klc

0.125 50 ksi

0.250 39 ksi -

1.000 30.8 ksi 30.8 ksi

The critical value of the failing stress may be calculated for any

value of crack length by substituting K = Kc (or Kic) and solvina for a.
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For this wing plate, equation (50) was used with 2b equal to the distance

between fastener rows. A crack in one row is not affected by one in an

adjacent row so long as 2b >> 2a. Figure 46 includes a plot of critical

crack length versus gross area stress for three values of Kc. The load

factor (N z) to stress relationships were obtained from the aircraft

manufacturer. Additional information relative to the length of through-

crack emanating from the hole is included. The data points plotted on

the lower curve are from the aircraft manufacturer and show that similar

assumptions have been made in the analyses. It is important in this

discussion to consider stress level rather than load factor because of the

variation in the configuration for each aircraft.

One additional point that should be mentioned is that the thickness

of the actual skins varies normal to the principal loading (o). The

original taper was designed to give constant a across the width. No data

has been supplied to the writer to indicate that a variation in a for the

actual aircraft exists. This analysis of course assumes constant a and

constant thickness*. Any test procedures for the full scale panels should

account for the thickness variation in order to be meaningful.

2. Crack Propagation Investigation

Several attempts were made to calculate the number of cycles required

to cause catastrophic failure of the wing skins for prescribed initial

*Editorial Ndote: Stress and thickness variations considered here would be -

small and gradual and would cause very little difference in analysis.
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damage, The initial assumption was 0.050 inch through cracks emanating

from both s':des of a 5/16 inch fastener hoie. in all the followi,,g

analyses, the crack growth equation formulated by Forman was used[32].

This theory states that the rate of crack growth is related to the stress

intensity factor range in the following manner:

"" = i-R)Kc-aK (52)

where

AK = range of stress intensity factor K

R = ratio of minimum K to maximum K

Kc = critical stress intensity for fracture
(fracture toughness)

C = material constant (C = 5 x 10-13 for 7075-T6)

n = numerical exponent = 3.0

The difficulty in approaching the crack propagation phase of this study

was caused by an incomplete definition of the loading spectrum. Several

stress spectra were furnished by the aircraft manufacturer in terms of

stress versus cmulative occurrences. Each was representative of 5500

hours of flight. In order to be most accurate, however, the order of

application of the stress spectra must represent the order of the actual

mission flown. Alternate methods of applying high to low, or low to high,

stresses will not yield accurate results. The best alternate (when flight

by flight stress profiles are not known) is to block the spectrum in

relatively low hour values and randomize the order of application. Exper-

imental evidence of this procedure is reported in Reference [42].
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Attempts to run the 5500 hour spectrum with the computer program in

Reference [32], resulted in only a few cycles of allowable life before

catastrophic failure due to the fact that the representative high "g"

stress levels occurred initially. Running all of the low stresses

initially would not be valid.

It was finally decided that the best attempt to ascertain remaining

life was to assume that one high (6g) excursion of stress occurred per

flight. Therefore, cycling at this constant level would approximate the

life of the aircraft, (assuming that the low stress levels do not cause

significant growth).

The solution of equation (52) for a constant stress of 30,000 psi

(approximately 6g) and R = 0 yields 186 cycles. Of course, the mechanics

of crack growth change with varying stress amplitudes. High excursions

of stress may cause temporary arrest and the damaging effect of high cycle,

low stresses cannot be ignored. Therefore, the value of 186 cycles is

unconservative. The results, however, serve to establish the severity

of cracks rmining in service. This value is the basis for one estimate of

200-300 hours of reYining life.

Additional computer runs were made using another aircraft training

mission profile. The total flight time per mission was only 47 minutes,

however, three weapon delivery passes were made and at least 2 high "g"

occurrences occurred per flight. The total number of stress cycles per

flight was 615. The 1 "g" level of stress was approximately 5000 psi,

"- thus allowing the use of this loading spectra for this analysis. The
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results showed that the original 0.050 inch crack should go catastrophic

after 53 flights. A subsequent analysis, deleting 1 high stress

occurrence, yielded 73 flights before frt.lure. These results, we believe,

tend to strengthen the conclusion that a serious problem exists if cracks

as large as 0.050 inch are present in the skins.

3. Additional Analyses

An additional analysis was made for the case of a small corner crack

starting in a fastener hole as shown in Figure 47. No exact solution for

the stress intensity factor is available, however, an approximate value may

be determined by considering the crack acting in a uniform stress field

equal to 3k so as to account for the concentration due to the hole*. The

stress intensity factor can be approximated by:

K = 3,a/ ( 2)(1.12)2 (53)

= 4.245o/aai
0

The crack will grow in a manner indicated in Figure 47 and will eventually

progress through the thickness. Once the crack penetrates the skin, the

expression for the stress intensity factor becomes that of the through-

crack, as represented by equation (51).

An estimate of the cycles required to grow from ao= 0.005 inch to

0.040 inch on the surface yields a value of 3600 cycles for the constant

amplitude cyclic stress of 30,000 psi previously used. If this value is

*Editorial Note: See Section III.A.2 (beginning on page 105) for a more

complete analysis of growth of cracks nearby holes.
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compared to the 186 cycles required to grow catastrophic from I.i50 inch

through-cracks, we see that there is an order of magnitude difference.

i A_- A K tA-

Figure 47. Geometry of a Corner Crack Emanating from a Hole
in the Plate
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SECTION IV

PROGRAM CONCLUSIONS

The initial investigation and analysis of aircraft

structural failures provided an insight into the complexity

and limitations of identifying and defining the actual l1'e

of structural components. The results of this program may

not provide specific and complete answers to the failure analysis

problem, but rather provide the guidance and direction for

further\' and more definitive examination and evaluation. From

this viewpoint it is believed that this program has provided a

valuable contribution toward development of an analysis tool.

Some of the more significant program conclusions and recommen-

dations are summarized in the following paragraphs.

The search for definitive and comprehensive in-service

failure data is a complex' and difficult task, particularl3 for

purposes of conducting daia correlation and analysis. This

program was intended to provide a broad survey of various Air

Force and commercial aircraft failures, and required contacts

with numerous information sources on a large number of failure

problems. The identification, screening and correlation of

specific failures from these sources was difficult to establish

and quantify. Identification of discrete failures and failure

circumstances were difficult, particularly on older failures

and less critical problem areas. Also, component identification
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and in-service history was not readily available nor of known

accuracy unless it involved a current failure problem. A more

thorouah investigation is, therefore, required to obtain a
V

quarntitative correlation of aircraft structural failure

h stories.

Fro-, the failure data gathered and correlated it can be

concluded that the greater percentage of metal failures occur

in the wing inboard main frame, wing center or inboard skins

and the aft fuselage frame. The landing qear did ,,ot make up a

significant oercentage (less than 7%) of the total failures,

however, it did constitute a large percentaqe (about 47%) of the

more severe or critical failures. The materials experiencing

the nighest number of significant failures were the 7075-T6

aluminum alloy and the 4340 steel. This is to be expected since

such alljys are used in structural components where stresses are

hvih and desTgn or analysis is comolex. Some 75" of these

failures occur i•• ÷fzqnd material ir which stress corrosion or

fatigue is identifieo as t• ci-j!e 'r railure. Influencing

factors such •as corrosion, fit-uc stresses, residual stresses

and stress risers are identified as fu-P.Ie :,ni.ributing to

tne failure probler in most all cases. In u 50' of the

cases the orioin of failure is at a rivet or bokt hole, or at

a snard corner. If any-valid analysis development effort is

tc ;e c-ferned r(ith the solutirn of these more significant

drcas it must evaluate and define these oaramiters or variables.
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Throughout the failure data gathering Dhase it was

extremely difficult to secure documentation on failure circum-

stances and features which are necessary in the successful

utilization of fracture mechanics analysis methods. Much

data related to oriuin of failure, fr3cture su-facE dscrtin,

structural load histiry and operational environment was not

available or not clearly defined. Although a few recent

failure investigations of critical fleet failure problems heve

utilized fracture mechanics, generally this analysis method

has not been u:,ed because it is not adequately understood and

involves rather complex metallurgical and stress field inter-

pretations. More complete documentation on the metallurgy-

fracture "urface-stress history of the failed Dart is necessary

in data gathering efforts for such analysis qethods.

The utilization of fracture mechanics analysis 71ethods as

a tool for investigating failures or Predicting component life

is a vali6 and factual aporoach. As presented in this report,

the analysis technique vis adapted and rodified to enable its

application to actual fleet structural failure Drobl:'is.

However, due to the lack of detailed data fror these service

failures a sinale, comprehensive analysis formulation could

not •e developed which would accurately account for all

analysis variables and factors. The generation of additional

data through laboratory examination or exoerimental testino

was not included as a part .of this procra- .-ora's. tereoce,
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was placed on defining analysis crltk,-ia and guidelines for

the utilization of fracture mechanics for actual in-service

failure investigation.

The limited scope of the program did not enable the

establishment of a discrete failure analysis solution, however,

it does provide a valuable baseline and direction for more

specific failure investigation. It is recommended that future

efforts in failure analysis examine and define selected key

variables which are important in the successful utilization of

fracture mechanics methods. These efforts should include the

detailed review of specific in-service component failures and

experimental verification.
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APPENDIX A

COMPUTER PR)GRNS USED FOR AFM 66-1 DATA RETRIEVAL

I. PR)GRAN RCCT

The RCCT computer program was written at the Building 57 Open Shop

Facility, W-PAFB. A printout of this program is given in Figure A-1,

and is a simple program in operation. It reads the data records on the

magnetic tape and stores them on the remory disk while in the process

it counts the number of records it reads. After comleting the tape it

prints out the total number of records it read, and then each individual

record is printed out as it was originally stored on the magnetic tape.

A saple of the output is shown in Figure A-2.

Previous to obtaining any output it was known that there were ten

possible formats for the arrangement of the 66-1 data within each record,

on the program magnetic tape. After a thorough study was made of the

output from RCCT, it was determined that three of the ten formats were

used for all the failure data contained on the magnetic tape. Examples

of those three forimats are marked on Figure A-2. During this format

search the number of data records on each tape was also determined.
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I SETUP 10 OS54792690
SSETUP 14 DISK.PRINT
SYBJOB MAP
SI8FTC RCCT V94.XR7I DIMENSION CD(15)*GARB(14)

CALL READ (1O.GARB9149I)
K=O

I CALL READ (1O.CD.159I)
1=1+1I
GO TO (29391) of,

2 =l
WRITE (14.5) (CD(I)*J=19 .14)

5 FORMAT(14A6)
GO TO 1

3 WRITE (694) K
4 FORMAr(1124HTHE NR. OF RECORDS REAl) 19)

STOP
EF4D

ITBMAP TPS
ENTRY OUN1I.J

oUN10o PZE IUhITlO
UN!T10 FILE v9READY*LISTINPUT9a3LK=45O9oCD

ENTRY *UN14s
oUN14o PZE UNIT14
UNIT14 FILE .UT1,READYLISTINOUTBLK=450,BCD

END

Figure 14,1. The Computer Progri ACCT
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1I. PROGRAM SELECT

The program called SELECT was written after examination of the

output frominCCT. A printout of SELECT is given in Figure A-3a and b.

Although considerably more complex than QCCT, the operation of SELECT

is very straightfor.,ard. First, since the data is stored in thirty-

record blocks, twenty thirty-record blocks are read at one time. Each

of these six-hundred records is examined by the coputer. Using the

Suffix Code, which indicates the aircraft system, to select the dat'

records of interest the program determines what data is significant.

Those records selected continue through the loop where the forwat is

determined. Once this is done, the correct c tput is determined for

that format. The data is then arranged so that each of the three

different formats produces outputs which are consistent, and tlw datA i

then printed out. After each of the six-hundred records are searched,

six-hundred more are read-in and the process is repeated until all data

has been analyzed. Each time data is read, from the m rtetic tape, a

message is printed out which tells how may data records were read to

that point. A sample of the output from SELECT is shown in Figure A4.

Unlike RCCT, SELECT has selective inputs other than just •te

magnetic tape. A list of these inputs and their explanation is given in

Table A-I. A sample of this input data is shown as the last few lines

of Figure P-3b. B3 changing the aircraft Suffix Codes under the input

variable N(K), any aircraft system or systems can be printed out as long

as there are no more than sixteen Suffix Codes.
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SSETUP 7 2690NMORING
_sT?! e MAP ___ _ __

SIBMAP FILES NODECI(-

oUN07o PZE UNIT07
tJPNlTO? FILE 9A(1)vREADY9INPUTv3LK=z450

r _ _ _ E ND
SIBFTC SELECT M94,9XR7

DIMENSION I(20930920)gN(22)-
DATA (ft(K)*K - 196)/1KA,3H000v1HO,1H3*1H8v6H__
READ (5913) LL9KKQR,(N(K),K = 79LL)

13 FORM4AT (I -2,2XI').92X2A6/1l6(1XA2))
DO 12 JJ = l.KK

12 READ (7911) X--
11 FORMAT(A1)
--- WRITE (69101 Q*R ____

jj= C
19 R E AD6-iT (72-5) f (((IK-9L r K -1 it 2 0 )_vL' 9 1,3 6 'J 1. 2 0)
25 -FORMAT(30- (A3,LXA3,A3R.)* A5sA3,2XA39A5,2AlA4,A2,2A-5,2A1,-A3,2XA495

1XAI912XAI91OX))
------------ 1J1 + 20__ ____

WRITE (6,18) 11
18 FORMAT (/2OX53HTHE NUMBER OF 30-R ECORD BL OCK.S READ TO THIS POINT IS

JJ =JJ + 3
IF(JJ*GE450) GO TO 40
GO TO 41___ _____ __

40J1=

471 DO~i 6CK_1_2
GODO 60 L 13

28IF(1(20,LK).EQoN(5)) GO_ TO 29

---- 4-TOc 6n--------

IF(1120,LK).EO.N(3).ANDbI(3,LK).EQ.N16))GO TO 36
40 -OTO 60 ------------- _ _-- -

36 WRITE (6931) I(5,L9KdIj6,LK),ll14,LK).I(l2,LS.)il(17le )I(3

331 FOR-MA-T -(2XA5 ,A3,926XA5ý,3XA2,-6X-A3-,4XA-5,;6XkA1r,9x-A1,t-6XA5-6XA1-TXAl,6XA4

Figure A-3a. The Computer Program SELECT
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21i A:E',3; (il,.,%jgI(2,L,() ,I(3,L9e() .1(4,LFZ).145,LU tI (1 (49L,

12 CrPVAT f'XA4,6YA3,*6,A1,A5,5XA5,)XA2,6XA3,4XA5,6XA1,9XAl,8XA5)

12 ,L,),IC 1,L, ,I 13,9.( -L( ;O,<-K ,ýf -or 19LrK-) ,I i 15

?Tý =MRA T '6XA4,6XA6,AlA5.A3,5XA5,3XA2,6XA3,4xA5,-6XA1,9xA1,68xA5,-6xAI
1, 7YAI ý, XA4)

!JJ.G.53)GO TO 35

35 .jJ = 0
WPITE (6910) Q9R

1- POIRMAT (1IH149X34HAFLC AFM 66-1 FAILURE DATA FOR THE //61X2A6////3x
17HA/C-S/N8X11HPART NUMBER8X3HWUC3X4HSUFF3X7HHOW-MAL3X4HDATE3X7HTYP
2-14NT3X7H-CONMAND3X8hWORK-CýENZX6HACýTIONZX8HWHN-DISC2X8HHOURS-.1//)

60 COTINUE
G50 TC 1'

?2 3211 (I-3
CAC X "I C5 A E-3 ED EE E;: EH- 05 09 23 24 40

Figure A-3b. SELECT Continued
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Iii. PROGý WUCCOL

The computer program WUCCOL was written after SELECT was oritter and

tested. Fundamentally, WUCCOL is very similar to SELECT but ' 'UCCOL goes

considerably further in its workings. The printout of *ALtCOL is giver, in

Figure A-5. In operation the program first reads the Suffix Codes and

selected Work Unit Codes. Next it reads the data on the nacnetic tape,

one thirty-record block at a time, and starts to analyze the data. The

first thing that is checked is the Suffix Code, if it is one of the codes

in the input data the computer analyzes further, if not, another record

is searched.

The next step is to compare Work Unit Codes. A cor-parison is made

between the WUC in the data record and all the WUC's from the input data.

If the first two, three, four or all five characters, depending on the

form of the input data, of the record's WUC correspond to any of those

same features in the input data, then that particular data record is

printed out using the same selection method as in SELECT. Also, the WUC

just printed is compared to all the other WUC's which previously caused

a printout. If the particular WUC of interest is identical to any of

those that have been used previously, a one is added to a counting variable

which is associated with that WUC. If, on the other hand, none of the WUCs

previously read are identical to the one that was just read, then the WUC

is stored as a new addition to the list of WUCs stored in the com'puter.
Alon-•g withl ths, a new c.-jm...n wa ble assnriatpd with the new WUC,

is initialized at one. After all the data records are read and searched,
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~SET~ ~ 26909NORING
SIS.)O8 MAP
S!B*AAP .ES NODECK

EN TRY oUNO?. -

,UNr07. PZE UNIT07
tUNIT07 FILE tA(1)9READYtINPUTs8LKw450

END
sIBFTC WUCCOL M94,xR7

DIPIENSION L(25s30)9M( 1000.5)9NP(22)
DATA I(NC).! 1,6!-/1HA,-3HOOQ~o1H0, 1H3.IH8.6H-
10 50
DO 14 1I 195
DO 14 J = 191000

14 S4C it ) =0
READ (5913) l1,I2,I3#I49I5.QR*(N(1),1 =7911)

13 FORM4AT (5(lXl51,2X2-A-ili1I"A .LL -__ _

READ (5915) ((M(IJ)tJ * 14).! a 1912)
1.5, FORMAT (13(IXA2,3A1))

DO 12 1 = 1913
12 READ (7,11) X
11 FORMAT (Al)

10 a 12
11 a 13 - 1

19 IF(11.GE.15) GO TO 70)
READ (7925) (IL(I.J)PI z1925)*J 190

25. FORMAT (30(A3,A1,A2,AlA6,A1,A5,A3,2XA3,A5,2A1,A4,A2,ASA2,5AlA3,
j2XA4,5XA1,12XA191OX))
H a II + 1
10 60 1 = 1930
IF(LI11.1)*EQoN(1)) 60 TO 26
GO TO 60

'i DO 27 J = 7.11
2' IF(L(14*I)eEO.N(J)) GO TO 28

GO TO 60 --
28 GO TO (51952953954)914
51 00 56 J a1912

IFI LI16.!) .EQ.M( J.1) AND.L( 17.!) .EQ.M(J .2) .AND.L( 18,1) .EQ.M(J .3)A
ISD*L(19tI)9EO.M(Jt4)) G0 TO 57
G3O TO 56

57 mfJ*5ý MAJ#5) 4, 1 -

CALL WRIT (L#NvI0.Q9R9I)

54 DO 84 J s1 10

IGO0TO55 -

Figure A-5a. The Computer Program WIJCCOL
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GO TO 60
53 DO 83 J a 1910
83 IF(L(1691).EQtM(J,1J.AND.L(17,I3.E(.i.M(J,2)I GU iU 55

G0 TO 60
52 DO 82 J z 1910
82 IFtLI.16211*EQ*M(Jvl)I GO TO-55-

GO TO 60
55 DO 61 J =1212
61 IF(L(16,1 ).EQ.M(J,1).AND.L(17,I ).EQ.M(J,2).AND.L(l8,l3.'ýQ.M(J.3).A

1N.D*Ltl9vI)*EQeMIJ94)jk 6O TO 62
12 = 12 + 1
DO 64 K z ,

64 M(129K) = L(K.1591)
M(12*5) 1
CALL WRIT (L#NvIQvQvR9IJ
GO TO 60

62 MfJ95) x M(J*51 + 1
CALL WRIT (LvN9IQ909RI)

60 CONTINUE'ý
GO TO iLV

70 16 - 12 -1

DO 10 1 191b
17 - I + 1
DO 10 J 17,12
IF(M(I,53.LT*M(J*5)) GO TO 16
GO TO 10

16 DO 17 K = 195
MM =M(J9K)
M(J9K) (1K

17 M(I9K) zK
10 CONTINUE

WRITE (6,80) (((,)I 195)9J 1912)
80 FORMAT (1H1l//7(6X11.4WUC JNO.)/50(!7(5XA2,v3AIl,-31 1-1~/J)1

STOP
END

Figure A-5b. WIJCCOL Continued
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S!8ý'C wRITA *i94,XR7
Sý;BR0UT!NE WRIT (LvN9I0.0,R,1)
0!MEMSI.lý)D L425930ithi22)
IP(IQ.EG.50) GO TO 35
Go TO 2C

35 10 - 0
WRiTE (8910) 09Q

10 =ORM.AT !1H149X34HAFLC AFM 66-1 FAILURE DATA FOR THEf //60X2A6////7X
13HA/C9X3HS/N10X~l1,PART '4LMaERBX3rIWUC5X4rIUFF2X7HHOa-MAL3X4HMDATE3X7
2HTYP-MNT1X3t4COP.4X5rlw(-CN4X3HACT2X5Iia, DI2A6H*~mS-.1)

20 IF(L(259I)*EQ*N(5J) GO TO 29
AF(L(1,i).EQ.N(2).AND.(L(Z5.1).EQ.Nf3).OR.L(25.1).EQ.N(4)j) GO6 TO

130
lý(L1259I)*EQ.N(j)*AND*L(5*I)oEG914(6)) GO TO 36
RETURN

29 WRITE (6932) L(13*IJ.(L(J+29I)#J = 1,5)#CL(J+151pI)*j 1*4),L(149I
1) ,L(99i I LE15.I I LC 12.1) ,L(24.I ).L(10.I)

32 rn'RMAT (194A4.7XA2,AlA6.A1,A595XA2,3Al,5AA2,5AA3.5AA5,2t5AA1) .5AA
15)
GO TO 34

30 WRITE (6933) L(13*I)9(L(J+49II.J a 1v4)vtL(J-t159I)vJ = lv4),L(14*I
1),L(22.IJL(15.I).L(12,I J.L(24,1IL(1O9-j).L(2U,1),L12l.I).L(-23,Ij -

33 FORMAT 119XA4,7XA6,A1,A5.ýA3,5AAZ,3A1,5AA2,5AA3,2i5AA5.2i5AA1J).5AA
14)
GO TO 34

36 WRITE (6*31) (L-(jI),J =1v41.L(7#1)qL(8vI)*(LiJ+159I)9J= PtL
114.I).L(22.IJ ,L(15.I)tI 12.I) ,L124,II.L(109j).L(20,I),L(21.1),L(23
2911

31 FORMAT (5XA3,AlA2,Al.5XA5,A3,25XA2,3A1,5XA2,5XA3,5XA5,2C5XA1) ,5XA
15 *2(5XA1) ,5XA4)

34 :C = 10 +I
RE~TUR

END
SDATA

1s 35 4000 4 5020 C-141A
Cw CS8 01 12 27 30 50 51 52 53 54 55
I1BA0 11B80 liBDO 11BEC I1BG0 110tiO 11BKO 11BLO 11CAO 11CBO liCCO 11CDO 11CEO
lIICFO 11CGO 11010O liDA 1AO l 110IEi80 11ECO liEDO 11EEO 11FA0 11FBO 11FCO 11FDO
I1FEO lIGAC 11G5O IIGCC 11GDO 11GEO 11HAO-11HBO 11HCO-

S EO F

Figure A-5c. WJCCOL Continued, Subroutine Writ
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the computer prints out the list of WUCs with the number of times each

appeared in the data. This printout is printed in order, so that the

WUC that appeared the greatest number of times comes first. A sample

data record printout is shown in Figure A-6. A printout of the WUC

list is shown in Figure A-7.

The input data to WUCCOL is similar in many ways to that of SELECT.

A list and explanation of this data is given in Table A-II. The final

point that needs explanation is the method of searching and selectirg

the correct WUCs. To do this the input variable 14 is used. If 14 = 1,

the input is a set of specific, five-character WUCs and the data record's

WUC must correspond exactly to one of the WUCs in the input data before

a printout and correlation are made. If 14 = 2, the first two digits of

the WUC are all that has to correspond before a printout occurs. If

14 = 3, the first two digits and the first character must correspond.

And, if 14 = 4, the first two digits and the first two characters must

correspond. If any of the spaces in the WUC input data are left blank

or set to zero, as when 14 = 2, 3 or 4, they are filled by the informa-

tijn in the WUCs from the data record. In this way if information on

all airframe parts are desired, simply put down one WUIC (i.e., 11000)

such that each time a WUC beginning with 11 comes up in the data, it is

printed out. A sample set of input data can be found on the last lines

of Figure A-5c. With this computer program, all the 66-1 statistical

data presented in this report, was obtained.

261



lf I f - - - ff!S!2S

.c C

- ----- - - - - -,-

-- L

- - -- - - - -

-- ------------ - - - - - - --- - - - -- - - - - - - - -

2 6

- - ... - - --..- --.- -C . . . .£ 2CC .t

-. . . .. C - -



i l i lti ii1 I11 l1 l111ill

C ifi - W; 4) N P.0ý 0 NZ0 0 0 a

-----. Nt~-- ------- f - -------

•0 C
Sir% . 4 In " 'Eý ' 2 4N' 4 Nr m. M N r,

- - .5' -ý f f* 4 *- . -=, '7 t -I"I

-- - - -- 
-

004N-'

74-3

-l |ell - - ---l-l-

Z14

1, 0r C- kr fc' m. --040 l - - - -' - - c C c

l itiiiiiiiiit lit I I

---------- -----------

2633



Of '.3 :35 I3 `. AC
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