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4.0 INTRODUCTION 

The Douglas Neumann Program is actually a set of digital computer 

programs that can calculate with high accuracy the potential flow about 

arbitrary body shapes under a variety of flow conditions. The various 

aspects of the method are described in references 1# 2, 5j 4, and 5« The 

various component programs handle different geometrical situations: axi- 

symmetric bodies at zero or nonzero angle of attack; two-dimensioniti lifting 

airfoils, including infinite cascades and hydrofoils moving beneath a free 

surface; and truly three-dimensional bodies. Lift can be accounted for only 

in two-dimensional cases. 

At various times the results of calculations performed by the present 

method have been compared with experimental data. Such comparisons were made 

both by the authors who developed the method and by others who were interested 

in using the method for design purposes. These latter include both Douglas 

personnel and personnel of other agencies. Such comparisons are severe tests 

of the usefulness of the present method, because they determine not only how 

accurately potential flow is calculated but also how well potential flow agrees 

with real flow. The examples presented here show good agreement between cal¬ 

culated and experimental results for a number of rather extreme body shapes 

under a variety of flow conditions. Thus the usefulness of the Douglas 

Neumann Program as a design tool is exhibited. The comparisons also show that 

in many situations of interest the effects of viscosity and compressibility 

may either be ignored or taken into account in a simple way. 

As a result of comparing the calculations with experiment, it is con¬ 

cluded that for ordinary aircraft and marine applications viscosity has a 

negligible effect on the surface pressure distribution except in or near 

regions of catastrophic separation. Local regions of separation and reattach¬ 

ment do not significantly affect the pressure distribution. This is illus¬ 

trated by several examples in this report for which calculated and experimental 

pressure distributions agree despite the presence of obvious local separation. 

Even on bodies where catastrophic separation does occur, examples of which are 

the axisymmetric bodies at angles of attack up to d0 shown in Section 6.0, 
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the pressure distribution on the portion of the body ahead of the separation 

point is not greatly affected. The method can be refined by using the calcu¬ 

lated pressure distribution to obtain the boundary-layer displacement thick¬ 

ness, which is then added to the body shape (including an assumed wake if 

desired) and the calculation repeated. In nonlifting cases, this procedure 

is straightforward, but it is rarely necessary, and it was not done for any 

of the examples shown in this report. In lifting cases, the procedure is 

somewhat more complicated, as described in Section 7*0. A single example 

of the use of this refinement is given in that section. 

For the types of bodies encountered in aircraft applications, compressi¬ 

bility effects may be safely ignored for free-stream Mach numbers below about 

0.3 or 0.4. For higher Mach numbers, the calculations still agree with ex¬ 

periment if a suitable compressibility correction is used. In axisymmetric 

and three-dimensional cases the well-known Göthert transformation is used to 

account for compressibility. For axisymmetric bodies at angle of attack, 

Mach number effects on the cross-flow terms are ignored, and the axial com¬ 

ponent of the flow is handled in the same manner as an axisymmetric flow. 

Two-dimensional lifting flows use other Mach number corrections, as described 

in Section 7.0. If these corrections are used, the calculated and experi¬ 

mental pressure distributions agree for all entirely subsonic flows. That is, 

the method gives good results except near stagnation points for all free- [ 

stream Mach numbers that do not give rise to local regions oí supersonic flow. 

This is illustrated by several examples in this report. 

The remaining sections of this report present graphical comparisons of 

calculated and experimental pressure distributions with brief discussions of 

the results. All pressures are presented in terms of pressure coefficient C^. 

Some of the comparisons are rather similar and may seem repetitious. Such 

cases were included for completeness. This report contains essentially every 

comparison of the calculations of the Douglas Neumann Program with experiment 

that has ever been made. The examples have not been selected to show the 

method in a favorable light. 

d0 



The calculations have been compared with analytic solutions in references 

1, 2, and 3. Any disagreement between the two is always far less than plot¬ 

ting accuracy for two-dimensional and axisymmetric bodies, while for ordinary 

three-dimensional bodies the errors in the calculations are barely plottable. 

Thus at low speeds any disagreement between calculated and experimental 

pressure distributions is due to the non-potential nature of the rea^. flow. 

At higher speeds the compressibility correction is an additional source of 

error. 

Wind tunnel walls are not taken into account in any of the calculations. 

The experimental data may or may not have been corrected for such effects. 

Reference 6 was a report similar to this one. It presented all compari¬ 

sons of calculated and experimental pressure distributions that were available 

in May, i960. This report contains all the examples of reference 6 plus all 

comparisons that have been made since that time. Thus this report replaces 

reference 6. 



5.0 AXISYMMETRIC BODIES AT ZERO ANGLE OF ATTACK 

The majority of examples shown in this section exhibit pressure distri¬ 

butions of rather extreme nature. Thus they provide severe tests of the 

present method, and also they represent configurations to which ordinary 

flow-calculation methods cannot be applied. 

5.1 Single Closed and Semi-Infinite Bodies 

Figure 1 shows calculated and experimental pressure distributions on a 

sharp and on a blunted cone-cylinder. Even though both bodies have sharp 

comers, the present method accurately predicts experimental pressures, even 

in the vicinity of the comers. Figures 2 and 5 show calculated and experi¬ 

mental pressure distributions on two ogive-cylinders for both sharp and 

blunted configurations. The blunted configurations of figures 1 and 5 

illustrate the fact that.in some cases pressure distributions calculated by 

the present method may actually be superior to experimental ones. Since the 

calculations agree with the data everywhere there are data points, it seems 

reasonable to conclude that the magnitud® of the calculated forward pressure 

peaks for the blunted configurations are also correct. These peaks were 

missed by the tests simply because there were no pressure orifices at the 

proper locations. The data of figures 1, 2, and 5 were obtained in the 

Douglas Aircraft Company El Segundo Division Low Speed Wind Tunnel. 

Figure compares calculated and experimental velocity distributions on 

a flat-nosed body of revolution consisting of a flat disk followed by a 

streamline fairing. The body is cavitation model D-II6 of David Taylor Model 

Basin, and the data were taken from reference 7* (Figures 4, 5, and 15 show 

velocity distributions. All other figures show pressure distributions.) 

Reference 8 contains the experimental velocity distribution on a body of 

revolution consisting of a prolate spheroid with an annular bump. Figure 5 

compares this velocity distribution with those computed by two methods: the 

present method and a conventional flow-calculation method described in 

reference 9. The conventional method breaks down completely for this case, 

-12 
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but the present method agrees very closely with experiment. 

5.2 Inlets and Propeller Shrouds 

Inlets and propeller shrouds are special cases, because it is necessary 

to specify the flow through them, i.e., the mass-flow ratio. To accomplish 

this, the present method calculates, the flow about an altered configuration 

consisting of the desired inlet or shroud lip shape followed by a semi-infinite 

afterbody (having constant inner and outer final diameters). Despite the 

necessary alteration of the body shape, the calculated results are quite 

satisfactory. In fact, inlets represent the type of body that occurs most 

frequently in design applications of the present method. 

Comparisons of calculated and experimental pressure distributions on the 

exteriors of two inlet lip's are shown in figure 6. A sketch of the second 

inlet lip is given in the figure. In both cases distance is measured from the 

front of the lip. The mass-flow ratios are labeled MFR. The tests were con¬ 

ducted in the Douglas Aircraft Company Santa Monica Division Low Speed Tunnel. 

Figures 7 and 8 compare calculated and experimental pressure distributions 

on the forward portions of two propeller shrouds in static operation (infinite 

mass-flow ratio). The centerbody of the first shroud and the propeller shaft 

of the second shroud were accounted for in the calculations, but the propellers 

themselves were of course ignored. Distances are measured from the leading 
I 

edges of the shrouds. Both shrouds have small chord-to-diameter ratios, but 

were calculated as semi-infinite bodies as described above. The agreement of 

calculated and experimental pressures on the inside and outside of both shrouds 

is good. The data of figure 8 were taken from reference 10, and those of 

figure 7 were obtained by Douglas personnel. 

5.3 Bodies at High Subsonic Mach Number 

Compressibility effects are accounted for by using a Göthert transforma¬ 

tion. The calculated pressures appear to be accurate except near a stagnation 

point and in regions where the flow is locally supersonic. 

1 
9 
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Reference 11 presents the results 0f tests at high subsonic Mach number 

of certain slender bodies of revolution. The basic body was a parabolic-arc 

body of fineness ratio lb. Two additional bodies were tested. These were 

identical with the basic body except for a region around midchord whose 

length was equal to three maximum body diameters. In this region, one body 

was indented and the other expanded to form a bump. The indentation and the 

bump have similar shapes. The maximum deviation of diameter from the basic 

body was equal to one-fifth of the maximum diameter of the basic body. Tests 

were run at Mach numbers of 0.8, 0.9, 0.95« 

Comparisons of calculated and experimental pressure distributions for 

these Mach numbers are shown in fibres 9, 10, and 11 for the body with a bump 

and in figures 12, 15, and lb for the indented body. The value of pressure 

for which the flow is locally sonic is indicated by the horizontal line labeled 

"C for M = 1.0". Only for the Mach number of 0.8 is the flow subsonic 

everywhere. For this Mach number (figures 9 and 12) the differences between 

calculated and experimental pressures are less than the tunnel-wall effects 

discussed in reference 11. At the higher Mach numbers the agreement between 

calculated and experimental pressures is also good, except in the regions 

where the flow is actually supersonic. No doubt this is partly fortuitous, 

but it also reflects the fact that local effects are of chief importance in 

determining surface pressures. 

Blunt bodies provide a more severe test of the validity of using the 

Göthert transformation with the present method than do pointed ones, because 

the region near the nose where the perturbation velocity is not small is much 

larger. Calculated pressures near the stagnation point are meaningless, but 

are usually quite good over the remainder of the body where the perturbation 

velocity is not too large. A usable result is obtained by fairing the cal¬ 

culated pressures to the known pressure at the stagnation point. Figure 15 

compares calculated and experimental pressure distributions on a prolate 

spheroid of fineness ratio 6. The data were taken from reference 8. As an 

example of a pressure distribution with more character, figure l6 shows the 

calculated and experimental pressure distributions on a Skybolt missile at a 

Mach number of 0.8. The agreement is good even near the corners. The data 

Of figure 16 were obtained in the Douglas Aircraft Company Aerophysics Laboratory. 

-1^- 



6.0 AXISYMMETRIC BODIES AT ANGLE OF ATTACK 

The flow about axisymmetric bodies at angle of attack always separates 

somewhere on the body, and accordingly it might be expected that the present 

method of flow calculation would not give useful results for such cases. 

However, it has been found that calculated and experimental pressure distri¬ 

butions agree quite satisfactorily forward of the separation point. It is 

also remarkable how large the angle-of-attack effect on the pressure may be 

in some cases. 

The present method calculates a pure crossflow (90° angle of attack) 

about the body in question and combines this with the axisymmetric flow (zero 

angle of attack) to obtain the flow at any angle of attack. The calculated 

crossflow may be combined with either the calculated or the experimental 

axisymmetric flow. In some of the following comparisons, experimental zero 

angle-of-attack pressure distributions were used with the calculated crossflow, 

and in others calculated zero angle-of-attack pressure distributions were 

used. In view of the agreement of calculation and experiment shown in Section 

5.0, it does not appear to matter which is used. 

For some bodies, data were available for several angles of attack. In 

such cases, the data at the largest angle of attack were selected for comparison 

with the calculations. 

6.1 Single Semi-Infinite Bodies 

Figure 17 compares experimental pressure distributions on an ogive cylinder 

at angle of attack with those calculated by the present method and also with 

those calculated by linear theory. Figure l8 gives a similar comparison for an 

ellipsoid-cylinder. In both cases pressures are plotted versus circumferential 

angle measured from the upper (leeward) side of the body, and comparisons were 

made at two axial locations; 25 percent of the nose length from the front and 

100 percent of the nose length at the start of the constant-diameter section. 

The experimental zero angle-of-attack pressure, which is simply a constant for 

each body at each axial location, was used with both calculated cross-flows. 
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It is evident from these comparisons that the present method is considerably 

more accurate than linear theory. The data of figures 1? and 18 were taken 

from reference 12. 

Reference 13 is the Master's Thesis of Mr. Wesley E. Johnson from the 

University of Washington. This thesis compared pressure distributions computed 

by the Douglas Neumann Program with experimental data for a series of sharp 

and blunted cone-cylinders at zero angle of attack and at plus and minus 20° 

angle of attack. This rather high angle of attack is an extreme test of the 

present method. Six configurations were tested: a 15° semi vertex-angle cone- 

cylinder with a pointed nose and with two blunt noses and a 30° semi vertex- 

angle cone-cylinder with a pointed nose and with two blunt noses. The blunt 

noses were spherical segments tangent to the basic conical nose. For each 

cone, one blunt nose had a radius of one-fourth the final radius of the body, 

and the other had a radius equal to one-half the final radius of the body. 

The cylindrical afterbody for all configurations had a length equal to 1.^5 

times its diameter. In the calculations, however, all bodies were assumed to 

be semi-infinite. This difference between the bodies tested and the bodies 

calculated leads to discrepancies between calculated and experimental pressures 

on the aft portions of the afterbodies, but its effect should be negligible 

over the nose regions. In the comparisons, the calculated zero angle-of-attack 

pressures are used with the calculated crossflow. Figures 19 through 2^ 

compare calculated and experimental pressure distributions on the six con¬ 

figurations. Pressures are compared along the upper sides of the bodies at 

0°, 20°, and -20° angles of attack (except for figure 19, which has no data 

at 20° angle of attack). Thus comparisons are made on both the leeward and 

windward sides of the body, i.e., circumferential angles of 0° and l80°. In 

all cases agreement is good over the nose portions of the bodies at 0° and 

-20° angle of attack (windward side). For 20° angle of attack (leeward side), 

the agreement is also fairly good over the nose portions of the bodies, except 

in the case of figure 24. Undoubtedly, flow separation occurs on the leeward 

side at this high angle of attack. Agreement is less satisfactory over the 

afterbodies. On the forward portions of the afterbodies, effects of flow 

separation around the sharp comers are important; on the aft portion of the 

afterbodies the effect of the finite length of the bodies is significant. 
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Figure 25 compares calculated and experimental pressure distributions on the 

pointed 508 cone-cylinder for other circumferential locations at 20° angle of 

attack. Figure 26 compares calculated and experimental circumferential pressure 

distributions at two axial locations on the pointed JO8 cone-cylinder at 20e 

angle of attack. The effect of separation on the leeward side at the more aft 

location can be seen. The following is a quotation from the author’s conclusions 

in reference 15: "As a result of the correlation, it is seen that the theoretical 

method studied (Neumann Program of Douglas Aircraft Company) produces such excel¬ 

lent agreement with experiment that it seems to be unnecessary to perform wind 

tunnel tests on bodies of revolution when very low speed pressure distributions 

are desired. This could result in considerable savings in time and money." 

6.2 Inlets and Cowlings 

Tests were conducted in the Douglas Aircraft Company Santa Monica Division 

Low Speed Wind Tunnel on an inlet consisting of an NACA 1-Î0-100 cowling rounded 

to a constant inner diameter. Calculated and experimental pressure distributions 

were compared on the upper (leeward) side of the exterior surface of the inlet 

lip at 6° angle of attack. The comparisons are shown in figures 27, 28, and 29 

for three different values of mass-flow ratio. The experimental zero angle-of- 

attack pressure distributions, which were used with the calculated crossflow, 

are also shown to exhibit the magnitude of the angle-of-attack effects. Agree¬ 

ment is good in all cases. The calculations correctly predict the presence of 

large negative pressure peaks at the two smaller mass-flow ratios and the absence 

of such a peak at the highest mass-flow ratio. 

Reference l4 presents the results of wind-tunnel tests on a series of 

cowlings with spinners. Two of these were selected as examples of multiple-body 

problems. Figures 30 and 31 compare calculated and experimental pressure distri¬ 

butions on the upper (leeward) side of the two spinners at 6° angle of attack. 

Also shown are the body shapes and the zero angle-of-attack pressure distributions, 

which were used with the calculated crossflow. The calculated and experimental 

pressures are in good agreement. Over the forward portion of the spinners, the 

pressures at 6° angle of attack are more negative than those at 0° angle of attack, 

as would be expected on the upper side of a body. On the downstream portions of 
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the spinners, however, the effect of the cowlings reverses the situation, and 

the change of pressure dues to angle of attack is positive near the cowlings. 

This somewhat surprising behavior is accurately predicted by the present method. 

6.3 Bodies at High Subsonic Mach Number 

To calculate pressure distributions on bodies of revolution at angle of 

attack for Mach numbers at which compressibility effects are significant, the 

calculated incompressible crossflow is used with the zero angle-of-attack 

pressure distribution at the proper Mach number. This latter pressure distri¬ 

bution may be calculated or experimental. Reference 15 presents results of 

wind-tunnel tests on a body of fineness ratio 12 at various angles of attack. 

Figures 32 and 33 compare calculated and experimental circumferential pressure 

distributions on this body. Each figure shows results for two Mach numbers at 

one axial location along the body. The zero angle-of-attack pressure, which is 

simply a constant for each Mach number at each axial location, was used with 

the calculated crossflow. 



7.0 TWO-DIMENSIONAL LIFTING AIRFOILS 

Experimental and theoretical airfoil lift-curve slopes and pressure distri¬ 

butions at zero Mach number differ from each other because of the viscous boundary 

layer. The experimental lift-curve slope is always less than the theoretical. 

Thus for a given angle of attack, the experimental lift is always smaller than 

the theoretical, and the difference between the two increases as the angle of 

attach- increase sr—The1 deviation of the“ experimental lift-curve slope from the- 

theoretical varies from airfoil to airfoil making a generalized theoretical 

correction difficult to obtain. The experimentally obtained and theoretically 

calculated pressure distributions differ from each other in the region of the 

airfoil trailing edge. The deviation is due to the displacement-thickness effect 

of the boundary layer. This thickness becomes comparable to the airfoil thick¬ 

ness in the trailing edge region. 

The question now arises as to how a valid pressure-distribution comparison 

can be obtained, when it is known that the theoretical lift-curve slope is in¬ 

correct and that the boundary layer will affect the pressure distribution at 

the trailing edge. For a single airfoil an effective approach in the elimination 

of the lift-curve slope error is to compare experimental and theoretical pressure 

distributions at equal values of lift rather than at equal angles of attack, 

thus eliminating the need for any knowledge of the lift curve slope. When this 

approach is used the boundary-layer displacement effect on the pressure distri¬ 

bution at the trailing edge is usually neglected. Likewise, for multiple air¬ 

foils it would be desirable to set each component (slat, airfoil, flap) at its 

experimental value of lift separately. However, this would ordinarily necessi¬ 

tate changes in flap and slat deflection. Any change in deflection would change 

the character of the pressure distribution thus defeating the primary purpose. 

Therefore for multiple airfoils comparisons must be made at equal angles of 

attack. 

Another method of handling the two viscous effects is to simulate the 

effect of the boundary layer on the airfoil. This is done by first adding a 

boundary-layer displacement thickness to the airfoil and then applying the 

Kutta condition at the edge of the boundary layer at the trailing edge. This 
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procedure is very effective, as one of the examples will show. However, it 

is also very lengthy. The procedure was applied to a single isolated airfoil. 

(See figure 39*) 

In addition to the viscous effects mentioned above, some special cases 

occur where the flow separates over a portion of the airfoil. In this case, 

the potential-flow model is not strictly applicable. ‘ Nevertheless, reasonable 

agreement is still obtained for the unseparated part of the airfoil if the 

separation region is small enough. 

7.1 Single Airfoil 

Shown in figure 34 is a comparison of the calculated and experimental 

pressure distributions on a DSMA. 387 airfoil at a lift coefficient of 1.0765* 

The experimental data were taken from a three-dimensional model along a section 

located 4o percent of the semispan from the wing's plane of symmetry. The test 

was run by Douglas personnel at the Ames 12-foot wind tunnel. 

As is noted on the figure, the experimental data and theoretical calculation 

are compared at the same lift coefficient and not at the same angle of attack. 

The present method and experimental data show very good agreement except 

near the trailing edge. As is explained in Section 7.0, this is due to the 

effect of the boundary-layer displacement thickness in this region. 

7.2 Multiple Airfoils 

Shown in figures 35 and 36 are comparisons of calculated and experimental 

pressure distributions on an NACA 23012 airfoil with fixed slot and slotted flap 

at two angles of attack. The experimental data were obtained from reference l6. 

The slotted flap is deflected 20°. 

The agreement in both figures is quite good except for the lower surface 

of the slat. At 0° angle of attack, and to a lesser extent at 8°, the flow 

is separated in this region. It can be seen from the geometrical arrangement 



of the airfoil system illustrated in the upper right-hand corner of the figures 

that in both cases the slat is at a high negative angle of attack, indicating 

probable separation. The calculation also indicates that separation will occur 

here because of the sharp rise in predicted pressure. It should be noted that 

the slat, airfoil, and flap arrangement is given in the small drawing and not 

as shown below the pressure comparisons. 

Figures 57 and 58 are comparisons of calculated and experimental pressure 
distributions on an NACA 23012 airfoil with an NACA 25012 external-airfoil flap 

at two angles of attack. The external-airfoil flap is at a deflection angle 

of 30°. The illustration in the upper section of the figure shows the con¬ 

figuration. The data were taken from reference IT. The comparisons show that 

this airfoil-flap configuration is inefficient. Viscous effects on the Kutta 

condition, as discussed in Section 7.0, have markedly reduced the lift on both 

the airfoil and the flap. 

It can be seen that the calculated values follow the experimental data 

qualitatively, but indicate a lift that is too large. 

7.3 Correction For Viscous Effects 

Figure 39 shows a comparison of the calculated and experimental pressure 

distributions on an 11.8-percent-thick symmetric Joukowski airfoil at 6° angle 

of attack. The experimental data were obtained from reference l8. Experimental 

boundary-layers and wake characteristics were used for the calculation. Specifi¬ 

cally, in the manner outlined in Section 7.0, the displacement thickness of the 

boundary layer was added to the basic Joukowski profile and the Kutta condition 

applied at the trailing edge at the outer edge of the boundary layer. The 

pressures were calculated at the edge of the boundary layer. Agreement with the 

experimental data is good, especially at the nose and trailing edge of the air¬ 

foil. 

As was stated above, the experimental data and the theoretical calculations 

are compared at the same angle of attack and not at the same lift coefficient. 

In this case an attempt was made to eliminate the theoretical lift-curve-slope 
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error by simulating viscous effects on the airfoil. A measure of the success 

of this procedure is the difference in lift coefficients as obtained experi¬ 

mentally and as obtained by the present method. The experimental lift co¬ 

efficient is 0.620 and the calculated lift coefficient is 0.602. 

7.4 Airfoils at High Subsonic Mach Number 

Figures 4o and 4l show comparisons of the calculated and experimental 

pressure distributions on a DSMA 299 symmetric airfoil tested at zero angle of 

attack and at Mach numbers of 0.680 and 0.757, respectively. The experimental 

data were obtained by Douglas personnel at the United Aircraft Corporation 
.V 

wind tunnel. 5 *- 
• i ' ^ 

Since the present method calculates only incompressible flow, a modified 

Kármáh-Tsien correction was applied to the incompressible pressure coefficient. 

The Kármáh-Tsien correction was modified to give the correct relation between 

compressible and incompressible pressure coefficient at the stagnation point. 

The comparisons of figures 40 and 4¿ show good agreement in the subcritical 

regions. 

Tests were run in the Southern California Co-operative Wind Tunnel on a 

three-dimensional model of a horizontal tail with a deflected elevator. The 

elevator was a distinct body separated by a gap from the stationary portion of 

the horizontal tail. The tests were conducted at a Mach number of 0.5- For 

purposes of comparison with the calculations of the program, the three- dime n s i o ú s 1 

effects were ignored, the pressures were transformed to zero Mach number by the 

method of Laitone, and the gap was eliminated by arbitrarily assuming a fairing 

between the elevator and the stationary portion of the horizontal tail. The 

comparison for one set of conditions is shown in figure 42. Despite all the 

approximations, the agreement is quite satisfactory. 
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7.5 Infinite Cascades of Airfoils 

The present method for calculating the pressure distributions on isolated 

airfoils has been extended to calculate the flow about infinite cascades of 

airfoils. A typical cascade is shown in figure Uj, The cascade capability is 

described in detail in reference 5* 

Shown in figures 44 and 45 are calculated and experimentally obtained 

pressure distributions for an NACA 65-010 cascade blade at two values of stagger 

angle. The experimental data were taken from reference 19. The calculated and 

experimental distributions agree quite well, except for a small region near the 

trailing edge. The discrepancies near the trailing edge are probably due to 

the boundary-layer-thickness effects described in Section 7*0. 

7.6 Hydrofoils. Motion Beneath a Free Surface 

The Douglas Neumann Program is being extended to calculate the pressure 

distributions on hydrofoils in the presence of a free surface. It is assumed 

that the free surface is perturbed only slightly by the oody. 

Preliminary calculations are presented in figures 46 and 47. The figures 

show comparisons of calculated and experimental pressure distributions on a 

12-percent thick Joukowski hydrofoil at two depths. The hydrofoil is running 

at a Froude number of 0.95» 5° angle of attack, and depths of 1 and 1.8 chords, 

respectively. The experimental data, taken from reference 20, were given only 

for the upper surface of the hydrofoil. The agreement between the calculation 

and the experiment is generally good. However, there are some differences. 

These slight differences are due to nonlinear free-surface effects, viscous 

effects on lift, or experimental inaccuracies. 



8.0 THEEE-DIMENSIOML BODIES 

Because of limitations imposed by the storage capacity of the digital 

computer and considerations of economy in the use of computing time, the 

program for three-dimensional bodies is less accurate than those for axi- 

symmetric and two-dimensional bodies. (These limitations are discussed in 

* ^erence 3) The results are very satisfactory for single bodies of fairly 

simple shape. For complicated bodies, and in particular for multiple-body 

interference problems, the calculations give useful information in the sense 

that a fair approximation of experiment is obtained, but the high degree of 

accuracy that is apparent in the comparisons of Sections 5.0, 6.0, and 7.0 

cannot be realized. At present, the three-dimensional method is being re¬ 

programmed to greatly increase its capacity by circumventing the machine 

storage limits.^ It is believed that this will enable fairly complex multiple- 

body problems to be calculated with the same accuracy that simple bodies are 

now calculated. Computing times will be quite long if this extra capacity is 

utilized. 

8.1 Single Closed and Semi-Infinite Bodies 

Reference 21 presents the results of low-speed wind-tunnel tests on a set 

of three symmetric delta wings, which are designated Wing A, Wing B, and Wing C. 

All three wings are of aspect ratio 1.0 and have 12-percent-thick parabolic- 

arc airfoil sections in their midplanes. They differ in planform and in the 

way in which the section shape varies across the span. Wing A has a gothic 

planform, and its thickness varies linearly with distance perpendicular to its 

midplane. Thus both the section shape and section thickness ratio vary across 

the span. Wing B and Wing C both have triangular planfoms, and both have 

section shapes that are constant across the span. For Wing B the section thick¬ 

ness ratio is constant across the span, but for Wing C the section thickness 

ratio decreases linearly across the span. Sketches of the wings are given in 

figures 48, 4-9, and 50, which also show the isobars on the wings for the case 

of zero angle of attack. The solid isobars on the upper half of the planforms 

are those calculated by the present method, and the dotted isobars on the lower 

half of the planform are those obtained experimentally. The calculated and 
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and only slightly different for Wing C. More precise comparisons are con¬ 

tained in figures 51, 52, and 53, which show calculated and experimental span- 

wise pressure distributions on the three wings for three chordwise locations 

in the midplane, i.e., pressures are plotted versus distance perpendicular to 

the midplane at three stations along the midplane chord. Experimental data 

are shown for both the upper surfaces and the lower surfaces of the wings. 

By symmetry, the pressure at any location should be identical on the upper 

and lower surfaces, so that the differences between these pressures give a 

measure of the experimental error. The calculated and experimental pressures 

agree to within experimental error for Wing A and Wing B, but differ somewhat 

on Wing C, particularly at the most aft location. 

Comparisons were made of calculated and experimental pressures on the aft 

end of a DC-9 fuselage. In this case the fuselage was clean, i.e., there were 

no wings, pylons, or nacelles, and the calculation considered the body semi- 

infinite in the forward direction. If the same geometric shape were taken as 

the forward portion of a semi-infinite body, the calculated pressures would be 

expected to match experiment very well. Since this is the aft end of a semi¬ 

infinite body (for which the potential flow is the same as on the same shape 

as a forward end), viscous effects are significant. In particular, the boundary 

layer is relatively thick, and separation occurs. Figure 5b shows a sketch of 

the body shape and compares calculated and experimental pressure distributions 

along the side and bottom of the fuselage. The presence of flow separation on 

the bottom of the fuselage is clearly evident. The agreement is. only fair; 

but the general trends and levels of the pressure are predicted by the calcula¬ 

tions. Part of the disagreement is due to the fact that only a fraction of 

the program's capability was used in calculating the body. This was done because 

d pylon and nacelle were to be added to the fuselage later, as shown m figure 5T, 

and the excess capability was reserved for these. The data of figure 5^ were 

obtained by Douglas personnel from tests in the GAI£IT wind tunnel at the 

California Institute of Technology. 
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8.2 Intersecting Wings 

Mr. Wilburn L. Moore of the David Taylor Model Basin» Carde rock» Maryland 

used the present method to calculate the pressure distribution on a pair of 

intersecting wings. The wings were straight and untapered, and each had an 

airfoil section that did not vary along the span. The airfoil section shape 

for both wings was a symmetric one and was identical to that of DTMB Series 58 

Model 4l62 as described in David Taylor Model Basin Report No. I669. One wing 

had a 20-percent-thick section shape, and the other had a 10-percent-thick sec¬ 

tion shape. The wings, which were considered to be infinite in both spanwise 

directions, intersected at a right angle, and thus the complete configuration 

had two perpendicular planes of symmetry. The direction of the onset flow was 

parallel to both symmetry planes, and thus both wings were nonlifting. Tests 

of this configuration were conducted in the David Taylor Model Basin Low Speed 

Wind Tunnel. Comparison of the calculated and experimental pressure distri¬ 

butions were made and furnished the authors by Mr. Moore in a private communi¬ 

cation. The comparisons are shown in figures 55 and 56. The effect on the 

pressures of the thickening of the boundary layer in the intersection is quite 

evident from the data on the aft portion of the wings in the intersection and 

at the nearest spanwise station to the intersection (0.2 chord). At these 

locations, calculated and experimental pressures agree only over the forward 

half of the wings. At the spanwise stations farther from the intersection, 

the agreement is fairly good over the entire chord, with calculated pressures 

generally less negative than experimental ones. The pressure distribution on 

both wings are identical in the intersection and approach two-dimensional 

results far out along the span. The variations of pressure with distance along 

the span are quite different for the two wings, since their thicknesses, which 

determine their two-dimensional pressure distributions, differ by a factor of 

two. The spanwise variation of pressure distribution is predicted fairly well 

by the calculations. 

8.3 Fuse läge-Pylon-Nace lie Interference 

The present method was used to calculate pressure distributions on the 

DC-9 fuselage-pylon-nacelle combination. The fuselage shape is sketched in 
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figure 54, and detail views of the pylon-nacelle installation are given in 

figure 57. (Notice the interior surface of the nacelle, which was accounted 

for in the calculations.) Of particular interest were pressures on the pylon 

where the interference effects of the fuselage and nacelle are expected to give 

rise to rather high velocities. Figure 57 shows a comparison of calculated and 

experimental pressure distributions along the middle of the pylon. Agreement 

is good. The data of figure 57 were obtained by Douglas personnel from tests 

in the GALCIT wind tunnel at the California Institute of Technology. 

8.4 Destroyer Sonar Dome 

Mr. Stephen B. Denny of the David Taylor Model Basin used the- present 

method to calculate the pressure distribution on the sonar dome of a destroyer 

and compared the results with experimental data obtained from tests in the 

towing basin at the David Taylor Model Basin. A complete description of his 

work is contained in reference 22, from which the figures of this section were 

taken. Figure 58 is a photograph of the sonar dome. The numbers in this 

figure denote the orifice locations at which experimental measurements were 

made. (The nomenclature here is changed from that of reference (22), which 

denoted orifice locations as pitot tube locations.) Comparisons of calculated 

and experimental pressure distributions on the sonar dome are shown in figure 59 

and 60. The pressures are plotted versus orifice number as given in figure 58. 

The agreement is generally satisfactory. The "wiggle" in the calculated pressure 

distribution near orifice 30 in figure 60 is unexplained. The body is perfectly 

smooth there, and the local input data were checked for smoothness. No similar 

result has ever been obtained on such a smooth body. It is felt that there 

must be some explanation for the wiggle and that the effect will not recur. 

Fairing through the wiggle in the obvious way gives a good result. 



The present method was used to calculate the pressure distribution on an 

NACA wing-fuselage combination at a Mach number of 0.6, The fuselage is a 

pointed axisymmetric body, and the swept tapered wing, which is mounted as a 

midwing on the fuselage, has a symmetric airfoil section 6 percent thick. The 

configuration is described in reference 23, which also contains experimental 

pressure distributions on the wing. Figure 6l compares calculated and experi¬ 

mental isobars on this configuration and shows a sketch of the shape. The isobars 

on the left wing are those calculated by the present method (calculated isobars 

on the fuselage are also shown); the isobars on the right wing are those ob¬ 

tained experimentally. The two patterns are similar over most of the wing, with 

corresponding isobars on the two sides differing slightly in pressure level. 

Discrepancies occur near the leading and trailing edges. A more precise compari- 

son is given in figure 62, which compares calculated and experimenii»X chordwise 

pressure distributions at three spanwise locations for the condition of zero 

lift. Since the airfoil section is identical at all spanwise locations, the vari¬ 

ation of pressure distribution with position along the span exhibits the magnitude 

of the three-dimensional effects. The calculated pressures agree well with the 

experimental pressures except very near the trailing edge, where the boundary 

layer has affected the experimental pressures, and very near the leading edge, 

where the calculated pressure distributions have small, sharp negative peaks that 

are absent from' the experimental curves, especially at the two outboard locations. 

To investigate this latter phenomenon further, the airfoil section was considered 

a two-dimensional body, and the flow was calculated by the two-dimensional program. 

In view of the comparison shown in Section 7*1, great confidence can be placed 

in the accuracy of this calculation, particularly for the simple nonlifting case. 

Calculated two-dimensional pressure distributions on this airfoil are shown in 

figure 63 for Mach numbers of zero and 0.6. These pressure distributions exhibit 

the same small, sharp negative peak near the leading edge that is observed in 

figure 62. It is accordingly concluded that this peak is real and was correctly 

predicted by the present method for the three-dimensional case. Why the experi¬ 

mental pressure distributions fail to show such peaks is not known. It is known, 

however, that the pressure distribution near the leading edge of a thin airfoil 

is extremely sensitive to the body shape in that region. A very small discrepancy 

in the coordinates of the wind-tunnel model could lead to the absence of a peak. 
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Probably the most extreme case to which the present method has been 
■I 

applied is the calculation of the mutual interference between the wing, pylon, 

and nacelle of the DC-8. The configuration about which the flow was calculated 

is sketched in figure 64. It consists of a portion of the DC-8 wing to which 

are attached the inboard pair of nacelles and pylons. The configuration was 

adjusted somewhat from that of the actual airplane. Only the portion of the 

wing near the pylon-nacelle was included in the calculations. Thus the two 

pylon-nacelles are much closer together in the calculated configuration than 

in the actual one. It was hoped that the resulting increase in mutual inter¬ 

ference between the pylon-nace lies would partially compensate for the omission 

of the fuselage. In any event such an effect should be small. The pressure 

distribution is chiefly determined by the local wing-pylon-nacelle geometry. ^ 
Y/ 

The calculations were performed for the nonlifting condition. This very 

complicated geometry, which includes both upper and lower wing surfaces and 

inner and outer nacelle surfaces, taxes the capacity of the method very 

severely. Moreover, the test data with which the calculations were compared 

were obtained at the very high Mach number of 0.825, which resulted in the 

presence of local regions of supersonic flow on the body surface. The tests 

were conducted by Douglas personnel in the Southern California Cooperative 

Wind Tunnel. The model tested was a complete DC-8 and thus differed from the 

body calculated, by the presence of the fuselage, outboard wing, and outboard 

nacelles. Figure 65 compares calculated and experimental pressure distributions 

on the nacelle, and figure 66 compares calculated and experimental pressure 

distributions on the pylon. As is indicated in figure 66, the calculated and 

experimental pressures that-are compared on the pylon were obtained at slightly 

different locations. In all plots the pressure level for locally sonic con¬ 

ditions is indicated, and the regions of supersonic flow are evident. It is 

felt that the agreement of calculated and experimental pressures is remarkably 

good under the circumstances. 
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Figure 18.-Comparison of calculated and experimental circumferential pressure distributions on an 

ellipsoid-cylinder at 6.05°angle of attack. 
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Figure 19, - Comparison of calculated and experimental pressure distributions dn a 15'’ cone-cylinder at 
0 and 20 ' angle of attack. 
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Figure 20. - Comparison of calculated and experimental pressure distributions on a blunted 15" cone-cylinder 
with nose radius equal to one-fourth final radius at 0 and 20 angle of attack. 



Figure 21. * Comparison of calculated and experimental pressure distributions on a blunted 15" cone-cylinder 

with nose radius equal to one-half final radius at 0" and 20” angle of attack. 

52- 



Figure 22. Comparison of calculated and experimental pressure distributions on a 30 cone-cylinder at 

0 and 20 angle of attack. 
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Figure 23. • Comparison of calculated and experimental pressure distributions on a blunted 30 cone-cylinder 
with nose radius equal to one-fourth final radius at 0 and 20 ’ angle of attack. 



Figure 24. - Comparison of calculated and experimental pressure distributions on a blunted 30 cone-cylinder 
with nose radius egual to one-half final radius at 0 and 20 angle of attack. 



Figure 25. Comparison of calculated and experimental pressure distributions at various circumferential 
locations on a 30 ' cone-cylinder at 20 angle of attack. 
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Figiirf' 26 Ccmpnnson of calctilnted and experimenta! circunderential pressure distributions on a 30 
cone cylinder at 20 angle of attack 

HMrilMttkH* ■11Ü» 



Figure 27.- Comparison of calculated and experimental pressure distributions on the exterior of an inlet 
lip at 6 ’ angle of attack for a mass flow ratio of 0.44. 
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I 

Figure 28. - Comparison of calculated and experimental pressure distributions on the exterior of an inlet 
lip at 6° angle of attack for a mass flow ratio of 0.52. 
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*• 

Figure 29. - Comparison of calculated and experimental pressure distributions on the exterior of an inlet 
lip at 6'’ angle of attack for a mass flow ratio of 0.73. 



r 

i 

L—I 

F
ig

u
re

 3
0
.-
 C

o
m

p
a
ri
so

n
 o

f 
ca

lc
u

la
te

d
-a

n
d
 e

xp
e

ri
m

e
n

ta
l 

p
re

ss
u

re
 d

is
tr

ib
u
ti
o
n
s
 a

t 
6
° 

a
n

g
le

 o
f 

a
tt
a
ck

 o
n 

an
 

N
A

C
A
 1

-6
0-

06
0 

sp
in

n
e

r 
in
 a

n 
N

A
C

A
 1

-7
0-

10
0 

co
w

lin
g
. 



P
R

E
S

E
N

T
 

M
E

T
H

O
D

, 
a

 «
6
° 

F
ig

u
re

 3
1.

 -
 C

o
m

p
a

ri
so

n
 o

f 
ca

lc
u

la
te

d
 a

nd
 e

xp
e
ri
m

e
n
ta

l 
p

re
ss

u
re

 d
is

tr
ib

u
ti
o
n
s
 a

t 
6
° 

a
n

g
le

 o
f 

a
tt

a
ck

 o
n 

an
 

N
A

C
A
 1

-4
0-

06
0 

sp
in

n
e

r 
in
 a

n 
N

A
C

A
 1

-7
0-

10
0 

co
w

lin
g
. 



D
E

G
R

E
E

S
 

1 
I 

1 
I 

1
0

0
 

1
2
0
 

(4
0
 

1
6
0
 

18
0 

™ pp. "tmrm *•»« mm »ip.wp .1111:11111111,,111 n^iiiip 

1 

-63- 

MWiiillTiiaMiSiM 

m 
iHBlHBHttk 

F
ig

ur
e 

32
. -

 C
om

pa
ri

so
n 

of
 c

al
cu

la
te

d
 a

nd
 e

xp
er

im
en

ta
l 

ci
rc

um
fe

re
nt

ia
l 

p
re

ss
u

re
 d

is
tr

ib
ut

io
ns

 a
t 

tw
o 

M
ac

h 
nu

m
be

rs
 o

n 
a 

sl
en

d
er

 b
od

y 
at

 a
ng

le
 o

f 
at

ta
ck

. 
x
/L
 

= 
0.

01
7.

 



0
.1

5
 

fl 

F
ig

u
re

 3
3
.-
 C

om
pa

ris
on

 o
f 

ca
lc

u
la

te
d
 a

nd
 e

xp
e
ri
m

e
n
ta

l 
ci

rc
u

m
fe

re
n

tia
l 

p
re

ss
u

re
 d

is
tr

ib
u
ti
o
n
s
 a

t 
tw

o
 M

ac
h 

nu
m

be
rs

 o
n 

a 
sl

e
n

d
e

r 
b
o
d
y 

a
t 

a
n
g
le

 o
f 

a
tt

a
ck

. 
x
/L
 

= 
0

.1
0

0
. 



... «PÜPPWI 

% CHORO 

Figure 34. - Comparison of calculated and experimental pressure distributions on a DSMA 387 airfoil at 
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STAGGER ANGLE 

Figure 43. - Geometrical arrangement of a typical infinite cascade showing stagger angle and an inlet 
cfhgie of attack of 30°. 
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Figure 54. - Comparison of calculated and experimental pressure distributions on the aft end of a clean 

DC-9 fuselage. 
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Figure 57.- Comparison of calculated and experimental pressure distributions on a DC-9 pylon in the 

presence of the fuselage and nacelle. 
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Figure 59. - Comparison of calculated and experimental pressure distributions in the symmetry plane of 

a destroyer sonar dome. 
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Figure 60. - Comparison of calculated and experimental pressure distributions along the maximum horizontal 

section of a destroyer sonar dome. 
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Figure 62. - Comparison of calculated and experimental pressure distributions at three spanwise locations 
on an NACA wing mounted on a fuselage at zero lift for a Mach number of 0.6. 
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BOTTOM 

Figure 65. - Comparison of calculated and experimental pressure distributions on a DC-8 nacelle in the 
presence of the pylon and wing at a Mach number of 0.825 for the zero-lift condition. 
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Figure 66. - Comparison of calculated and experimental pressure distributions on a DC-8 pylon in the 
presence of the nacelle and wing at a Mach number of 0.825 for the zero-lift condition. 


