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FOREWORD

The first National Airframe-Propulsion Compatibility Symposium, sponsored
by the Air Force Aero Propulsion Laboratory (AFAPL) and the Air Force Flight
Dynamics Laboratory (AFFDL) of Wright-Patterson Air Force Base, Ohio, was
held in Miami Beach, Florida, on 24, 25, and 26 June 1969. The six technical
sessions were held in the Carillon Hotel. In addition, 10 company-sponsored
exhibits were displayed for the public. Twenty-seven technical papers were pre-
. sented with an additional five papers accepted for publication. The 31 Unclassified
papers are published as AFAPL-TR-69-103 with the one Confidential paper being
published as Supplement 1 to AFAPL-TR-69-103. This report was submitted 29
October 1969,

The papers were submitted in reproducible form and are published substantially
as received, accounting for certain variation in styling and treatment.

The symposium committee was composed of the following members:

Chairmen: Col H. A. Lyon, AFAPL
Col J. R. Myers, AFFDL

Deputy Chairmen: M. Dunnam, AFAPL
W. Lamar, AFFDL

Symposzium Directors: C. Simpson, AFAPL
P, Antonatos, AFFDL

Executive Director: H. J. Gratz
Arrangements Committee: H. J. Gratz, AFAPL

1st Lt D. Engwall, AFFDL
A, J. Cannon, ASD - Assistant to Committee

Exhibit Chairman: R. Martin, AFAPL

Symposium Secretary: L. Limberg, AFAPL
FAA, Army, Navy, NASA Coordination: AFFDL

Technical Chairman: H. Schumacher, AFAPL




Propulsion System Integrated Performance Chairman: H. I. Bush, AFAPL

Session I Cochairmen: G. K. Rickey, AFFDI,
Session II Cochairman: Sq Ldr Brian Brimelow, RAF, AFAPL

Propulsion System Stability Chairman: Major G, E. Strand, USAF, AFAPL

Session lII Cochairman: L. E. Surber, AFFDL
Session IV Cochairman: L., D, McKenny, AFAPL

Inlet~-Engine Contrcls and Airframe Propulsion Compatibility Management
Chairman: Major J. R. Nelson, USAF, AFAPL

Session V Cochairman: C. E. Bentz, AFAPL
Session VI Cochairman: R. H, Klepinger, ASD

.During the dinner, beld the night of 25 June 1969, Mr. George S. Schairer,
Vice President, Research and Development, The Boeing Company, spoke on
Systems Engineering. The Toastmaster was Mr. E. C, Simpson, Director,
Turbine Engine Division, Air Force Aero Propulsion Laboratory.

Publication of this report does not constitute Air Force approval of the
report's findings or conclusions. It is published only for the exchange and

stimulation of ideas.

HOWARD E. SCHUMACHER, Chief

Performence Branch

Turbine Engine Division

Air Force Aero Propulsion Laboratory
Technicnl Chairman




ABSTRACT

This report presents the proceedings of the Air Force Airframe-Propulsion
Compatibility Symposium, held at the Carillon Hotel, Miami Beach, Florida,
on 24~26 June 1969. Three topics were discussed during the symposium: (1) Pro-
pulsion System Integrated Performance, (2) Propulsion System Stability, and
(3) Inlet-Engine Controls and Airframe Propulsion Compatibility Management.
The first topic covered a sessionon Aircraft and Engine System Installations
and another on Exhaust System Considerations. The two sessions under topic
two concerned Inlet Distortion Investigations and Engine Stability Investigations.
Last, the third topic also covered two sessions: one dealt with Control Aspects
for Propulsion Installation and the other dealt with Management and Systems Data
for Engine Inlet Compatibility. '

(The distribution of this abstract is unlimited.)
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INTRODUCTION

The Airframe-Propulsion Compatibility Symposium provided a medium
for the exchange of ideas concerning the problems associated with the per-
formance and stability of integrated propulsion systems,

The specific 6bjectives were:

i. 'To provide an awareness of the magnitude of potential
problems associated with airframe-engine integration

2. To stimulate thought and ideas which will provide solutions
to compatibility problems as they arise during all phases of
system development

3. To focus more attention upon the management and engineering
techniques which might be employed to bring about closer working
relationship among all agencies

Papers presented at the Symposium treated the propulsion system per-
formance, stabilily, and integration of tactical and strategic airbreathing
systems. A variety of topics such as inlets, engines, exhaust nozzles, con-
trols, data processing, instrumentation and test techniques emphasized the
importance of compatibility to all research and development activities.




WELCOMING ADDRESS

Colonel Herbert A. Lyon
Commander, Air Force Aero Propulsion Laboratory

Good morning ~- on behalf of the Air Force Flight Dynamics Laboratory
and the Air Force Aero Propulsion Laboratory, it is my pleasure to weicome
you to this symposium on Airframe Propulsion Compatibility. It is gratifying
to gee such a good turnout -~ over 500 -- for this important meeting. Before
introducing our keynote speaker, I want to say a few words about why the
Aero Propulsion and Flight Dynamics Laboratories have cosponsored this
meeting and why we consider it important.

It is no news to anyone here that the Air Force has experienced serious
difficulties in achieving the specified range on soms of its latest aircraft.
Also, we have had a hard time trying to get stable engine operation through-
out the desired operating envelope of the airplane. Both of these problems are
intimately involved with the integration of the engine and the airframe. It is
essential that we learn how to integrate engine and airframe if we are to have
effective aircraft systems in the futu're.

Looking to past painful experience, it is evideat that we must reach a
position where it can be shown with a measured level of confidence before
first flight that the integration of propulsion system and airframe will, in
fact, result in total system compatibility. That measured level can only be
achieved through a timely, coordinated set of valid testing efforts which
isoliate the required data in suck a manner thst there ie no question among
engine, girframe or Air Force pecple as to which numbers apply to design
or off-design operation in &1l regions of the operating envelope. :

The papers of this symposium will show there has been a great deal of
progress in the effort to develop methods of integrating the work of airframe
and propulsion system manufacturers. We are far from a complete solution
to the problem, bowever. By continuing to concentrate our efforts in this area,
we expect to reach the point where inlet, exhaust nozzle, and engine design and
testing are accomplished in such a way that performance goals realistically
zzlbua all items which affect not only installed thrust, but propulsion system

ility.

In the last two years, much progress has beea made in injecting some
acience into the heretofore black art of compatibility. Research into the nature
of the inlet flow maldistribution phenomena led to the requirement for high
response instrumentation. Data gained from this instrumentation when analyzed
has resulted in a much more fundamental understanding of the engine environ-
ment and the engine's response.

preceding Page Blank



These lesaons from recent history deserve our serious attention today,
if ve are to avoid similar pitfalls in our upcoming developments. For,
the demanding performance of the new Air Force and Navy eircraft
developments represents significant challenges, not only to the airframe
and propulsion system design teams, but to.all of us. The F-15 air-
superiority fighter, in particular, couples imposing inlet/engine stability
criteria with stringent thrust/drag installation demands in order

to achieve the superior energy maneuverability required throughout its
flight envelope. And, meeting the demanded performance will entail
numerous desipgn trades between stability mergin and both engine and
airframe performance parameters in arriving at the finally balanced
desipgn.

Looking back, we can sec that the late 1950's and the early 1960's
vitnessed a great flurry in missile developments and space activities
which attracted the attention and ahsorbed the talents of a great
many scientists and engineers in the military and NASA laboratories and
in the serospace industry who, otherwise, might have concerned themselves
with research in aircraft/propulsion installation problems. And, while
military aircraft developments in general were waning, this period
did see the development of the subsonic turbofan engine for extending
the lege of our long-range subsonic bomber, the B-52. The significant
reduction in specific fuel consumption (SFC) made these engines natural
candidates for the already exparding commercial airliner industry and
also made them of extreme importance for military transports. While
these subsonic installations were not completely immuned to performance
problems, the general success had been striking.

fet, on the first attempt to expioit the potentials of the turbofan
engine in ar afterdurning confisuration for ine supersonic multi-mission
F-111] fighter aircraft, severe stabllity and installation difficulties
vere cncountered that had not been anticipated. Possibly the general
success in adapting the turbofan to the relatively simple pod-mounted
installations on subsonic transport-type aircraft had tended to mask
certain of the problem potentials of the more sophisticated supersonic
installation. The significant engineering chalienges in the missile and
space programs and the general success being achieved may also have in
itself contributed a lulling effect. Additionally, the Government and
industry engineering management environment of that period, coupled
with the new fixed-price incentive contractuanl relationships, created
an additional obstacle to & broad scale and rapid attack on the
fundamental engineering problems at the ocutset. Internally, within
the Air Force, the technical laboratories had become sufficiently
separated from the SPO organizations that they lacked a proper understanding
or sense of responsibility for the technical problems being encountered.
Finally, the engine and airframe contractors, operating under the terms
and conditions of their individual contracts with their own specifications,
performance guarantees, correction of deficiency clauses, and schedule
prodlems, were not prone to become involved in each others efforts anymore

5 K
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than was absolutely necessary. As a result of this general environment, when
confronted with serious inlet/engine stability and nozzle/airframe backend
problems in the F-1l1, we found ourselves with too littie fundamental
knowledge and with the various engineering groups constrained by an
awkward management and contractual relationship. Even more recently, many
of the same ccnstraints were initially prevalent in developing a solution
tor the F-UE/J-T9 installation problems. Fortunately, the system

did finally awaken and reveal its resiliency. Once the seriousness of
these problems was recognized and asppreciated, ad hoc arrangements were
made and the military laboratories, SPO technical personnel, NASA,

and airframe and engine contractor teams rose to the challenpge and
initiated the necessary collaborative effort to effect solutions. But, the

tine lapg had been costly.

The focus of attention, brought about by these experiences, was _
sufficient to stimulate the initiation of an Alircraft-=Propulsion Subsystem
Integration Program as a joint venture between the Air Force Aero Propulsion
and Flight Dynamics Laboratories. This program, which has been developed
in close collaboration with the NASA laboratories, has had the dasic
objective of providing that fundamental understanding of the dynamics of
the engine/airframe compatibility problems which had been missing. Largely,
as a result of the F-111 and F-LE proovlems, the early concentration of
effort has been on developing an understanding of the dynamics of engine
stall as an’ evolving technique for analyzing and properly categorizing
transient inlet and duct pressure distortion effects. Recent results.
from testing with high response instrumentation has added considerably
to the understanding of the stall mechaniem within turbo machinery as
it is effected by transient pressure fluctuations. Interface criteria -
can now be more meaningfully applied. A visual appreciation has even
been developed. Recently, during a review of the status of this work, I
had an opportunity to view a movie that displayed the results of a
computer-plotted sequence of compressor face flow distortion patterns.

It was extremely revealing to get a visual appreciatior of the dynamic
nature of the pressure patterns that an engine encounters during
transient conditions. This technique should provide a convenient and
significant tool for analyzing and studying pressure distortion
characteristics from inlet and turbo mochinery perturbations. From
these and other efforts, it is apparent that we have come a long way
during the last few years in increasing our knowledge and understanding
of the fundamental elements involved in the complex dynamic problems
asgsociated with today's sophisticated inlet/engine statility matching.

While there eppears to have been less fundamental analysis and
experimentation involving inlet and integrated nozzle airframe configuration
effects under way during the same period, the recent desirn and
development activities on the Navy F-1k and the Air Force F-15 fighters
have certainly stinulated increased activity in this area. The papers
to be presented in this area during the Symposium will further add to



our base of knowledge. And, it appears evident, from the broad range
of subjects to be covered in the various sessions, that we have overcone
a majJor part of our past lethargy. There is now in evidence an
avareness, among the engineering groups of both Goverrment and industry
in the managerial as well as the technical aspects, of the overall
airframe/propulsion compatibility problem. But, I caution against
deriving too much comfort from the activity thus far displayed; for,

we are just now reaching that crucial point where we must translate the
results of that activity into positive technical accomplishments in our
forthcoming aircraft developments. This is now the challenge--ouvr
ability to translate the results of individual efforts into a complete
integrated design.

In approaching these new undertakings, a loock at our past developments
reveals that one of the most serious deficiencies has been the lack
of a sufficiently broad analytical ability to treat the total airframe/
engine installation onm an integrated basis--i.e., the inlet, duct,
engine, integrated nozzle, and configuration effects. And this, of
course, is aggravated by the, thus far, impossible task of properly
simulating, through scale model wind tunnel testing, the inlet and
exhaust flow conditions at the same time we are attempting to obtain
force measurements. As a consequence, our first truly integrated
tests do not occur until we fly. And, by that time, of course, there
has already been a major commitment to the design of aircraft and engine
hardware. Since we still find ourselves forced to rely on separate
inlet/engine and nozzle/backend tests in the early design and development
vhase, cur ability to anslyze and understand these individual test
results and properly relate them to the integrated design analysis
vemains criticelly important.

As a forcing function, the Air Ferce has established an approach of
requiring detailed design analyses, fortified by specific testing
criteria, to begin the matching of the engine stability with potential
aireraft inlets at as early a point in the enpgine development cycle
as possible. In this regard, tests involving the candidate F-15
inlets and the candidate engines are being carried out during the
current Contract Definition and Initial Engine Development phase.
Additionally, in keeping with the new Demonstrated Milestone Development
approach, which will be established in the r-+v system development programs,
an attempt will be made to identify speecif’ irframe/engine compatibility
and installed performance test polnts in t. -vstem develooment schedule
vhere successfyl results must be domonstrated before major hardware
commitments can be undertaken. The success of this spproach will
again be critically dependent upnn ocur ability to analyze and understand
the integrated system design at the cutset and to establish meaningful
perfornance demonstration criteria. The principal difference in the
current approach and development and production efforts will now be

BEST AVAILABLE COPY



contractually tied to the successful accomplishment of the established
nilestone demonstrations. The criticality of the management decisions
thus established will place added demands upon both the Government and
industry's engineering talents in providing sound technical criteria
as 8 baseline for correlating the test results to overall system
performance. So much so that it may be that our past practices in
relation to specificstions and interface documents between the
propulsion end airframe system contractors may no longer prove to be
adequate. Nor is it entirely clear that the total system performance
responsibility techniques, as recently employed, will completely suffice
without some modification in approach. We must therefore innovate
effective changes to engineering management approaches and attitudes.

As a result of the experimental efforts that have been under way,
there is a noticeable difference today in the awareness among the
airframe and propulsion technical community relative to the major
part that each must play in the integration task. lHowever, I dc not
personally believe that we are yet practieing or, for that matter, have -
we yet found the essential administrative, engineering management
and contractual mechanisms to insure that we practice an approach
that combines the best talents of both groups in a collaborative
effort to provide the initial integrated design and to solve propulsion
system integration problems throughout the course of the airframe
and engine technical development programs. Therefore, I would submit,
for your consideration during the course of the discussions and
deliberations at this Symposium, that additional attention must be
given to the following three areag, if we are to avoid the pitfalls
of the past: )

l. Some means must be found to insure an integrated design
team approach at the ocutset, which will'include both the airfrsme and
engine contractors' technical personnel, and this integrated approach
must be enntinued throughout the development and test programs that

follow.

2. The technical criteria, definitions, and technical book-
keeping must be simply defined and clearly understood and agreed upon
from the outset such that the contractors, SPO engineering, Air Force
laboratories, and NASA are all using the same guide and talking the same
language. This will become of critical importance in relating the
milestone demonstration results to baseline design performance.

3. The Government technical laboratory personnel, both Air
Force and NASA, must continue to maintain an awareness and assume a
sense of responsibility for the technical success of the system
design in support of the contractor design teams and the SPO engineering,
and must remain active participants during the course of design and
development testing.



For, if the course of our recent experiences has revealed to us
any singular lesson, it would appear to be that the dvnamic inter-
relationship of the airframe/propulsion installation task requires an
integrated design and engineering approach from beginning to end-~-both
in a ohysical installation and a development cycle sense. And, further,
that such integration does not only relate to the efforts of the
airframe and propulsion engineers but to the integrated efforts of
the Goverrment and industry engineers as well.

10




PROPULSION SYSTEM INTEGRATED PERFORMANCE
- (24 June 1969)

H. I. Bush, Chairman
Air Force Aero Propulsion Laboratory

SESSION 1. AIRCRAFT AND ENGINE SYSTEM INSTALLATION

G. K. Richey, Cochairman .
Air Force Flight Dynamics Laboratory
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AIRFRAME PROPULSION INTEGRATION EFFECTS ON VEHICLE DESIGN
Philip P. Antonatos, Air Force Flight Dyramics Laboratory
George K. Richey, Air Force Flight Dynamics Laboratory
Richard H. Klepinger, Aeronautical Systems Division

INTRODUCTION
With the trend of closely coupled propulsion sirframe designs, the
proper integration of both the airframe and propulsion subsystems must be

recognized in the early concepﬁual phases., Individually it is possible to

‘develop component performance such as inlet pressure, acceptable distortion

levels, recovery, nozzle efficiency, aerodynamic lift-to-drag ratio, maneu-

vering envelope, maximum 1ift coefficient, structural weight, volume and
volume distribution that can meet the desired misaion goals, but the
integration of components and their related effects can and will dictate
;hc overall performance characteristics of the flight vehicle. The com-
plication of mixed missions, subsonic and supeisonic, low altitude and high
altitude impose a serious burden on developing optimum coufigurationiz whose
design parameters require clcsé scrutiny to assess the sensitivity of trade-
off to assure maximum efficiency. The vehicle drag and 1lifeing character-
istics coupled with its stability and control must be matched with the
large variations of engine airflow demand, inlet and nozzle drag, and
weight. The off design conditions become critical for inlet-engine
-taﬁility and performance.

The mix of mission requirements in terms of speed and altitude clearly
gnphtl#:c the sansitivity of design parameters to properly integrate the
propulsion system with the airframe to provide an optimum configurationm.

A representative air superiority mission as shown in Figure 1 depicts

the basic maission in terns of best cruise altitude and beat cruise Mach
13
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number at high subsonic speeds with effective combat in the lower transonic
region of M = .9, The alternate mission includes a supersonic interception
leg with combat again taking place in the transonic area. The requirements
of inlet propulsion matching coupled with fuel requirements and efficient
aerodynamic parameters require careful trade-offs to insure maximum effec-
tiveness, '

For a typical specific design of air superiority fighter, Figuré 2
depicts the percentage of time spent at various speed regimes. The super-
sonic dash and intercept, because of excessive fuel requirements, are
usually limited to about 1% of total time and usually not greater than 2%,
In the future expansion to 5 may be possible with improvements in fuel
consumption. Use of.the afterburner degrades the propulsion efficiency,
increases the specific fuel consumption and therefore to increase the
suypersonic time of flight appreciably would increase gross weight of air
syperiority fighter excessively. Upon coméleting interception and the
beginning of effective combat, power and altitude are bléd off auwch that
the transonic and high subsonic regions become the speed areéé of interest.

Representative atrategic aircraft missions again have a mix of both |
the basic subsonic and alternative supersonic capability as shown on Figure
3. The mission requires long ranges of cruise in either mode with delivery
capability at either a subsonic or supersonic dash mode; The design trade-~
offs are not hampered or limited with the maneuverability requirements of
& superiority fighter; therefore, we require trade~off analysis to provide

more efficient cruise capability,

15
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PROPULSION CYCLE SELECTION

A critical part of the design integration of a strategic‘or tactical
vehicle is the selection of the proper'pfopulsion system. In a preliminary
design phase, the propulsion system is characterized by the propulsion
cycle parameters of by-pass ratio, cycle pressure ratio, and turbine inlet
temperature. Consideration must be given in the design of tﬁe vehicle to
make sure that the proper balance of these parameters is chosen 1nvorder to
maximize the mission capability of the selected alrcraft.

If one looks at the optimum engine cycle for a point design ;t each of
three operating conditions of subsonic high.altitude, transcnic sea level,
and supersonic high altitude, the best engine will hgve the by-pass ratio
and cycle pressure ratio values as shown in Figure 4, For high alcitudé
subsonic flight the best by-pass ratio will likely be in the 7 to 10 level.
If one only considers the sea level dash at subscnic Speéds, by-pasg ratic
near 4 may ténd to be more optimum. For supersonic high altitudé flight,

a low by-pass ratio or perhaps even a turbo-jet will tend to be the opiimdm
engine cycle. It becomes clear from the diverse optimum cyf.les at differ-
ent flight conditions that an aircraft which is designed to operate over

a range of conditions will require a by-pass ratio and engine cycle pressure
ratio which will be a compromise. The best compromise engine cycle must be
determined on the basis of aircraft and mission performance.

For tactical aircraft, a high level of thrust is required to make rapi

\

changes in altitude, rapid acceleration to higher Mach number, and to allow
high "G" maneuvers to be performed. These maneuvers must be available over
the complete flight profile of the aircraft. The extra thrust required

during these short periods of time can only be achieved by use of an

18
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afterburning engine, since the extra thrust is not required during the normal
cruise or low energy parts of the mission. For advanced tactical alrcraft,
the extra thrust requirement can and will influence the choice of engine
bv-pass ratio. Figure 5 compares the thrust level 15 afcerburnér.versus
by-pass ratio at supersonic conditions and the military thrust (without
afterburner) versus by-pass ratio at transonic conditions. For high by-
pass ratio engines, a very high level of thrust is available 1n'afﬁerbutner
(since more air can be burnmed) at the required maneuvering points cf the
aircraft. In order to increase the combat time and the combat radius of
the aircraft, however, it is desirable to perform the high thrust maneuvers
in military power as much as possible since less fuel is consumed. Unfortu-
nately, the thrust in military power tends to decrease (as shown in Figure
5) as the by-pass ratio increases for the same total airflow. Although an
afterburning turbo-fan engine can satisfy the requirements of fuel economy
and efficiency with by-pass ratio in.dry ﬁower and higﬁ levels of thrust
with afterburning power, the fuel consumption as a function of net thrust
produced in afterburner must also be examined to determine the allowable
combat time and to show the effects on aircraft radius. Figure 5 shows
that in non-afterburning operation, a turbo-fan with by-pass ratio of 1
has a lower fuel consumption than a turbo-jet. However, when the after-
burner is turned on, the turbo-fan engine has a significantly higher fuel
consumption than a turbo-jet. Therefore, although the thrust 1is higher
with a by-pass engine, the penalty is paid in fuel consumption which
decreases combat time and decraases allowable aircraft mission radius.

For a given tactical alrcraft combat model as was shown in Figure 2,

this trade-off between thrust available and fuel consumption in afterburning

20
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operation will tend to optimize the by-pass ratio for a tactical aircraft
at a by-pass ratio approximately equal té 1. This resuli"is shown in Figure
6 by the amount of combat fuel excess as‘a function of by-pass ratio. The
"combat fﬁel excess' is that which is left over after a given tactical
mission (such as shown in Figure 1) is performed. The combat fuel excess
associated with a particular design could then be used for additional com-
bat.time or for additional mission radius. It is therefore an index used
in preliminary design which is a measure of the efficiency of.the propuision
system as it is integrated with the aircraft. Figure 6 indicates that the
fuel excess index is maximized at a by-pass ratio near 1 and that increases
of by-pass ratio over approximately 1.5 tend to decrease the éombat fuel
excess due to the high fuel consumption in afterburner operation, which is
required during combat. For.a selected by-pass ratio, the engine cycle
pressure ratio and turbine temperature will then be varied to select the
optimum cycle for the aircraft in the given mission.

For strategic aircraft, the proper choice of engine cycle parameter#
is equally critical and can have significant effects on the gross weight
of the aircraft designed to meet a particular mission. If a strategic
aircraft is considered to have a mixed subsonic and supersonic mission as
was shown in Figure 3, the effects of engine cycle variations'for the
basic and alternate missions are shown in Figure 7. For the supersonic
mission, although a low by-pass ratio is more efficient in the supersonic
portion of flight, which requires afterburner, the subsonic cruise portion
of the mission requires a somewhat higher by-pass ratio to achieve the

desired efficiency (SFC). This has a more significant effect on the gross

22
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weight of the vehicle than the supersonic design point and results in a
minimum gross weight aircraft with a by-pass ratio near 2,0. For the all
subsoriic mission of a strategic aircraft, the variation in ciclé pressure
ratio may be significant as well as the variation in engine by-pass ratio.
During the sea level dash in this mission, which is made in dry power if
p;ssible, increasing cycle pressure ratio increases efficiency and lowers
SFC. With increasing by-pass ratio, the engine must be made larger to
match thrust at sea level. As engine size increases, the frontal area

and weight increase so that there is a diminishing return at BPR over
about 3. As for the tactical aircraft, the proper choice of engine cycle
in a strategic aircraft must be determined by the overall efficiency of the
aircraft in terms of one of the basic ﬁesign parameters such as the gross
weight of the aircraff, for a specified mission and vehicle design con-
straints, The engine cycle variations for subsonic and supersonic mission
capabilities shown in ¥Figure 7 cau be combined to gain insight into tﬂé
engine requirements desired for am aircrfft designed to perform both the
subsonic and supersonic missions. Overlapping the subsonic missioﬁ engine
requireme;ts and the supersonic mission engine requirements results in a
single line (or family of engine types) as shown in Figure § which will
allow satisfaction of both missions for a specified range requirement in
each case. An engine which is not on the intersection will result in a
reduced range or payload for one mission or the other. From this type

of carpet the engine cycle for both missions which results in a minimum

gross welght of the aircraft can be selected.
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For the strategic aircraft mission, the influence of exhaust nozzle
internal thrust coefficient, and inlet total pressure recovery are also
important design parameters. Figure v shows & typical sensitivity of
alrcraft range and gross weight to 42 variations in either nozzle thrust
coefficient or'inlet total pressure recovery if the penalty in these
parameters is assumed to exist over the entire mission of the aircraft.

The typical results, which are dependent onbconfiguration design, but

can be expected to follow the trends shown, indicate s strong sensifivity
of range and gross weight with changes in inlet or nozzle component effi-
ciency. For increases in nozzle thrust coefficlent or inlet pressure
recovery, the range is increased by as much as 102 for a 1% improvement

in "R or 3% improvement in nozzle component performance, conversely, a
substantial reduction in gross weight is shown to be possible with improve-
ments in component performance for the given range desired. This variation
does not assume any changes in exhaust nozzle or inlet weight to achieve
tha increased periormance, and this would have to be considered in a par-
ticular instsllation to determiue the real benefit. The point to be made
is that inlet and nozzle efficiency is an important design parameter. ‘

The propulsicn system selection curves discussed above are merely
shown as examples and illustrate the effect of engine cycle variations
and propulsion system integration on mission capability of tactical and
strategic aircraft. Since each aircraft design may be somewhat different,
the type of cycle analysis shown here must be done for each aircraft base-
line design and the proper cycle picked which maximjizes aircraft pérformance.

WEIGHT AND PERFORMANCE SENSITIVITIES

To show the sensitivity of the various weight parameters in the design

of a tactical aircraft their order of magnitude are listed in Figure 10, The
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propulsion, structural and equipment ratio vary from 142 to 322, The fuel
ratio is in the order of 26X while the payload 1s in the order of 6%. The
importance of these ratios lies in the designer's ability to contain small
changes in the weight fractions under the rules that if we keep the payload
ratio constant, the fuel ratio.then becomes the variable. This has a crit-
ical effect on the ?ange and or combat time of the aircraft. Conversely
keeping the fuel ratio constant, small errors in the other ratios can cause
the effective payload to disappear thereby eliminating the capability of
the vehicle to carry its design wapons. To provide a'high level of

credibility the design trades have to be carried out to high levels of

-

accuracy. The relatively small differences of large numbers as for example
between thrust and drag or take-off gross weight and empty weight can
result in large errors. Growth factor is important since adding incremeutal
welght causes the gross weight to incresse by multiple factors as high as
10 time§ the increwental addition. The complexity of tbday's vehicle
requives & high degree of sensitivity of design synthesis due to the
multiplicity of disciplines involved from technology oriented efforts,
through configuration development and finally the requirements and mission
analysis. Cowputerized programs have been developed to assist in the
integration of a design to provide detail parametric analyses and trade-
off data to develop optimuqupnfigurations; However a sufficiently
detailed and accurate description must be provided the computer, e.g.,

drag estimates and weight breakdowns to assure no major discrepancies

exist in the final answver.,
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Given a specific mission, the parametric analysis of take-off gross
weight and thrust loading can be developed with the necessary limitations
imposed by maximum Mach number, design aerodynamic acceleratioun, specific
power, take-off requirements and the characteristics of the lift and drag
curves. This then develops into the final design stages to optimize the
configuration to keep the gross weight at a minimum keeping in mind
structural reliability and load factor, Ffom such parametric analysis plots
it is then possible to develop individual sensitivis; ﬁarameters. An
example of such trade-offs are shown in Figure 11 where although the plots
are based on absolute values of wing area and engine size they in actuality
refer to two of the most critical design parameters, that is, wing loading
and thrust loading. For a given aerodynanic aqceleration a design wing
loading is obtuined as a baseline configuration. For a constant take-off
gross weight and constant engine size, the sensitivity of fuel loading, air
tc air combat radius and interceptiocn time 13 shown as the wing area 1s
allowed tc vary. Figure 1} shows that a 10% change in aerod?namic g's
causes changes in the order of 10X in fuel loadiné aﬁd change in radius of
mission. The incressed g-meneuvers are accomplished by increasing wing
area. This in turn reduces the fuel fraction and combat radius 1f we hold
gross weight constant. For the example shown in the top part of Figure 11,
however, one of the desired specific excess power (Pg) design points was
not quite met. This could not be appreciably helped by changes in wing
area, and it was thus necessary to consider engine size scaling. A 1%
increase in engine size results in a 10Z increase in Pg, and has a negli-

gible effect on wing area. However increasing engine size agailn degrades

31



T 3914

o3 - V34V ONIMV NIW - JWIL INIV  IWN - Snigvy Y/V©V wem o1/1Ind Vv

¢ 0 0 2- p- 0 0s- m o 6 =
| 1 %0,
21~

?
1 yorl=

S ,9 - 043V 01

1SNOD -

S .9 041V v NIW~ 3WIL INIV  |W N~SNIQVd VVY  S81¢01/ 13nd VIV
¢ 0 §- 0 - 0§ 0 05- 0o 6 >
™ T T T ™ / Y T T T -
J0g- =
D
b
o
LO ?
4,
3715 "9N3

1SNOD 108
M90L INVISNOD o
S31AGNLS 440 30VYL IIWVNAQOY¥IV / NOISINAOYd @

32




range capability and combat time. Intercept time is reduced due to a higher

thrust engine. This type of interaction among the various factors must be

clearly understood in preliminary design.

AIRFRAME-PROPULSION INTEGRATION

Figure 12 indicates the reduced aerodynamic efficlency which may be
attendant with increased capture area of the inlet in advanced types of
aircraft. This trend indicates that as the capture area of the inlet
increases, due to higher thrust and higher airflww engines, it becomes
more difficult to integrate the inlet and the propulsion system with the
vehicle to achieve the desired efficiency. This trend can be expected to
continue with more advanced»aircraft, since the primary reason for the
decrease in aerodynamic efficlency is the larger drag of the inlet system
for increased capture areas characteristic of modern turbo-jet and turbo-
fan engines. One possible way of reducing the inlet drag and thereby
increase the aircraft aerodynemic efficiency 18 to properly integrate the \
inlet with the aircratt flow field. | |

Two examples of flow field integration of a probulsionbaystem are
shown in Figure 13, which compatéa the drag of an inlet‘system mounted in
' the wing flow field as compared to an inlet system mounted on thé top of an
aircraft in the aft position. The wing flow field installation for the
inlet tends to reduce the required capture area of the inlet, thereby
allowing a better match with the engine airflow which decreases apillage
and by-pass drag, and also provides a reduced wetted area contribution to
the vehicle. For the inlet in the top/aft mounted position, the alrcraft

flow field tends to produce a local Mach number which is higher than the

as
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free stream Mach number to the inlet system, causing an increase in inlet
capture area and increased drag. Figure 13 indicates a substantial increase
in inlet drag which includes spillage, by-pass, bleed and cowl drag, for the
top aft mounted inlet during both supersonic acceleration to the design Mach
number and during transonic sea level acceleration. The difference in drag
decreases as the design Mach number of the aircraft is approached, since both
inlets are assumed to be matched with the engine, resulting in winimal
spillage or by-pass drag. However, there is siill some benefit for the wing
flow integraticn acheme due to the smaller size inlet and nacelle required.

In crder to realize the maximum performance from an advanced strategic
or tactical aircraft, the placement of the inlet on the vehicle must be
careful}y congsldered and muat accouat for the overall drag and performance
of the aircraft in its intended mission. The integration must also consider
the stability of the propulsion system in terms of the flow distortion in
the injet. Unfortunatelﬁ, pore experimental ané azualytical werk is.required
before these cbnsideratione can be effectively used in a trade-off study.
Caﬁdidate inlet locations must be examined for stability and wind gunnel
tests conducted to validate the chosen location.

At Mach numbers less than the design point of the inlet, the inlet
delivers considerably more airflow thah reqdired by the engine. This
excess airflow delivered by the iniet must either be spilled around the
inlet or taken aboard and by-passed before it gets to the engine. At
subsonic cruilse conditions, this mismatch of inlet airflow suﬁply and
engine alrflow demand {s particularly important because the spillage drag

is a significant contribution to the overall vehicle drag, and will have

36




the strongest influence on aircraft performance in the long subsonic cruise
portions of the aircraft mission. Reductions in inlet drag at these flight
conditions can therefore have large payoffs in mission range and aircraft
capability. Therefore, for use in preliminary design and for accurate air-
craft performance estimates, combinations of engine airflow changes and
inlet matching schemes must be investigated to determine the minimum drag
configurations., Figure 14 shows a typical trade-off between spillage flow
drag and by-pass flow drag for a representatiﬁé turbo~-fan engine requirement,
For an engine mass flow ratio demand of 55X, this trade-off indicates that
by~-passing approximately 15% of the inlet airfiow and spilling the ramining
302 of the maximum captured inlet airflow results in a minimum total drag
penalty for the inlet-airflow mismatch. Other schemes for by-passing the
inlet air to match engine demands on recent aircraft have included ducting
some of the extra air to the exhaust nozzle and pumping it over the aircraft
boattail to reduce aft end drag, but tﬁe amount. of air which can Be efficient-
1y used in this manrer {s Iimited, and’experience kas shown that the bulk of
the excess airflow must still be sﬁiiléd around tﬁe inlet. As the £low
spilis around the inlet, it will produce a negative pressure differential

on forward facing surfaces of the engine nacelle near the cowl lip. This
lip suction is in such a direction so as to cancel a portion of the spillage
drag, but it 1s effective only for a blunt cowl with substantial forward
area for this force to act upon. Design requirements for high supersonic
speeds, particularly for mixed coampression inlets, tend to dictate
relatively sharp lips on the inlet cowl which produce a small lip suction
cancellation of the spillage drag. Further research is needed to investi~

gate various lip shapes for mixed compression and external compression
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inlets in order to reduce the high level of transonic spillage drag, partic-
ularly for sea level penetration portions of a desired mission.

For highly maneuverable tactical aircraft the proper integration of the
airframe and propulsion system must be accomplished to realize the maximum
benefit of the aircraft's "designed-in" maneuverability which is generally
limited by allowable g-forces. The main contriﬁutor to maneuverability is
the wing and the important parameter to examine is the useable maximum 1lift
| coefficient (CLmax)' Figure 15 depicts C,, versus Mach number for a given
aircraft which has an onset of buffet. In the transonic arena where man-
euvering for today's aircraft is 1mportént, this onset occurs at about one
half of the useable C;. Depending on the aircraft char;cteristicé, entrance
into the buffet area can become increasingly severe to a point where first
the vehicle losea its capability as a stable Qéapons platform. Farthef
entry into the buffet region can cauée loss of aircfaft control leading to
catastrophic failure. The lines of constant load factcr (N) on Figure 15
depict the levels that becoms neceséaxy for maneuvering in advanced aircraft.
Therefore the aérodynamic»parameters gévezning Qing, tail, and auvxillary g
surface design must be more accurately controlled to aileviate the buffet
phenomena, This, in turn, requires close attention tb dynamic structural
criteria to assure safety and reliabiiity of operation.

A given aircraft design may have several limits to 1its maneuverability.
1f problems of buffet, as described above, or pfopulsion system incompati-
bilities are at lower g's than the basic structural strengtﬁ of the aircraft,
then we are not realizing the maximum benefit of the design. This type of

limiting process is shown on Figure 16. It is therefore the purpose of
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proper airframe and propulsion integration to eliminate these limits which
are lower in g's than the aircraft structural limit. To provide some
alleviation of the inlet-airframe interaction problems, we can consider
various locations of the engine installation, for example, the location
on the wing span., Such locations alsc provide easier access to the
engine for maintenance in addition to reducing the possibility of high
distortion levels during maneuvering flight due to inlet flow fuselage
boundary layer ingestion. A final advantage is that of permitting growth
potential of the aircraft by installing improved ergines at much lesa
expense than if the power plant was integrated with the fuselage. However,
close attention must be paid to the engine out performance. Shown in
Figure 17 are the deflections of the rudder required during engine out
operation for various locations of the engine on the wing span.‘ Plotted
on Figure 17 are the requirements for both military power and afterburner
power. Rudder deflectiors at low altitude are quickly reached at some(span
locations that would be heycnd the coutreol power and structural capability
of the tail, |
For both tactical and strategicvaircraft, the exhaust nozzle of the
eng;ne is a critical propulsion component in determining aircraft perform-
ance and its operation in the desired mission. Many types of exhaust
nozzlea may be considered for installation in these types of alrcraft
which are compatible with advanced thbo—jet and turbo-fan engines.
With our present capability, based on test data, there 1s a generally
good understanding of idealized internal nozzle flow behavior, and of

the isolated exhaust nozzle performance where it is not strongly influenced
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by its installation in the aircraft. Some examples of the various types
of nozzles which can be considered by the designer and their associated
drags for an essentially isolated installation are shown in Figure 18,
Since exhaust nozzle drag is most important in the transonic speed regime
where the flow over the aircraft will tend to produce high boattail and
base drag contributions, the various nozzles are compared on the basis

of an installed drag penalty (relative to a reference nozzle) divided by
the ideal thrust of the nozzle for the pressure ratios shown., This partic-
ular experimental data, which was generated by the Boeing Ailrcraft Co.
indicates that for an isolated ipstallation, the plug nozzle may be a
lower drag installation than the aerodynamic ejector, isentropic ramp,

or long flap ejector type nozzles, However, the plug nozzle may have a
lower performance at supersonic speeds if the plug shape assimes an off-
design geometry. Other problems with the plué nozzle include cooling and
weight considerations which must be resclved before it can be considered
by the desiéner for use in an alrcraft installation with an afterburning
engine.

The main problem in exhaust nozzle integration is with closely
integrated dual engine aircraft such as twin engine tactical aircraft or
multi-engine strategic aircraft. If the nozzles are closely spaced, as
they often are in these types of designs, they may interfere with each
other and the aircraft surface adjacent to the nozzles, and thus result
in extremely high interference drags which éaﬁnot be accurately predicted

by available theory. Extreme care must be taken in the integration of the
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exhaust nozzle with the back end of an aircraft to minimize the installation
effect. Figure 19 shows a summary of data from a Grumman - NASA test pro-
gram which compares various types of nozzles such as the variable flap
ejectﬁr, blow-in~door ejector (bide), iris type translating shroud nozzle,
and a convergent-divergent iris nozzle designed for high supersonic speeds.
The pena'” 1in exhaust nozzle/back end performance at subsonic dry power
condltio;s, where nozzle drag is the highest, is expressed as a pércent

of ideal net thrust of the engine and is seen to be a strong function of
the installation scheme and, to a lesser extent, on the exhaust nozzle
type. For close spaced nozzles, as in an F-4 type or F-111 type, the blow-
in-door ejector nozzle is susceptible to externai flow effects and suffers
from a combined external and internal flow interaction. The other types

of nozzles, which do not "

communicate' as well with the external stream,
‘have less severe penalties in close spaced installations, but still
contribute substantially to increases in aircraft drag. Recent test data
generated by NASA indicate that even the blow-in-door ejector nozzle can
be properly integrated with the back end,of an aircraft, if care is takea
to reduce the interference with adjacent horizontal and vertical tail/con~
trol surfaces or aft end fairings which may be present on the aircraft. as
indicated in Figure 19, a clean close coupled installation can have com-
parable drag levels to the wide spaced low interference type of installa-
tion. The proper choice of close spaced or wide spaced exhaust nozzles
must not only congider their performance characteristics, but their weight,
complexity and the effect on aircraft operation during engine-out or
maneuyvering flight. If a close spaced installation is chosen, extreme
care must be taken in the testing of the nozzle to assure that a minimuh

exhaust nozzle-aircraft back end drag is achieved.
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SUMMARY

Airframe and propulsion integration is strongly dependent on the air-
craft mission ground rules, depending on its requirements, from either
fighter or strategic mission models. The wide range of speed capability
coupled with effective weapon delivery dictate stringént performance
requirements. Cruising conditions must be efficient.to obtain maximum
range, yet maneuvering capability coupled with dash effectiveness are
critical in the combat strike zone. To achieve all this, preliminary
design considerations must effectively consider the sensitiQity of
each of many parameters singly and in consonance As it interacts with
other design parameters. Multiple trade-offs are needed to a high
degree of accuracy to assure a combat effective weapon system at minimum
cost. The advancing technologies give rise to consideration of improved
effectiveness but only through careful assessment of their risk, reliabil-~
ity and cost can they be integrated successfully f;f develdpment of‘future

flight vehicles.
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PROPULSION SYSTEM INTEGRATION AND TEST PROGRAM
W. H, Hand and R. H. Johnson

North American Rockwell Corporation, Los Angeles Division
ABSTRACT

The major components of a propulsion system are the inlet, the engine,
and the exhaust nozzle, Experience with current multi-mode aircraft
suggests that a relatively independent assessment of these components, so
often used in the past, is no longer a satisfactory base from which to
predict overall weapor system performance. Two objectives of the program
described in this paper were to establish a numerical procedure for de-
fining the overall performance of integrated propulsion systems, and to
provide reliable data and test techniques to enable accurate performance
predictlons. One of the unique items described is the reference inlet,
used in inlet tests along with the actual inlet shape to obtain forces
chargeable to the inlet. Another somewvhat different approach described
is the use of a reference shape for the aft end of the vehicle. A major
conclusion was that the techniques developed for evaluating the integration
aspects of multi-mission mode propulsion/airframe systems appear to have
the necessary resolution and flexibility to evaluate a wide range of changes
to a basic propulsion system. The inlet tests showed that methods used
to estimate recovery and drag generally resulted in good agreement with
the data. This was also true for the internal nozzle performance. Agree-
nent between the estimated and measured external forces on the nozzles
was not as good. '
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Introduction

The effort, which I will briefly summarize today, was an extensive
program of analysis and tests funded by the Air Force Aero Propulsion
laboratory addressed to the integration problem. (Contract F33615-67-
C-1829) The program is complete, except for updating some of the test
reports. Final reports on the program have been published, and I will
refer you to them in a moment. The present discussion deals with the
steady state aspects of the integration problem. Another program, also
sponsored by the AFAPL, is currently being conducted at North American
Rockwell Corporation on the dynamic aspects of the problem. Mr. Arnold
Martin will discuss this program tomorrow.

- The scope of the steady state program 1s shown in the first slide.

IPS Program Scope

The reports noted in parenthesves are the program final reports which
are addressed to the major program objectlives listed.

The third objective will not be discussed today, since many of the
results are classified secret, and some are proprietary.

I can say that the final objective listed was attained.

A summary of what will be discussed today 1s shown on the next slide.

Discussion Scope

First I1'11 cover the approsch used in the integration procedure,
explain the reference mcdels, how they are used, hov the bookkeeping is
done, and how the data are presented., Then; I will describe the inlet
and the nozzle interactior tests and the test results.

Please remember that time permits discussion of only a portion of

the work done on the program. I hope that this talk will encourage you
to look at the reports on the progranm.

Also, I don't intend to lead you to any conclusions, such as "This
is how its done, there is nothing left to do,". There is a lot more work
to be done in this area of propulsion system integration.

Outline of Propulsion System Integration Technique

'To provide an orderly approach to perform an integration study, it
is necessary to set up a framework to link the varicus major component
design disciplines. An outline of such a framevork is shown in this
slide. Although there are a variety of ways to set up an outline for
such a atudy, and under different situations it might be desirable to
change it, some consistent interface system is necessary to assure that
all losses are accounted for in a consistent manner. The first step in
the use of the technique is to estsblish a basepoint vehicle and mission.
Vehicle characteristics such as shape, volume, and aerodynamic character-
istics and detailed ground rules for the mission are defined. The
reference models to be used are alsc defined at this time. Kext, the
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various groups involved perform analyses on the inlet, engine, nozzle,
veight tiems, and veuicle aero characteristics. Propulsion system
data are fed to a Propulsion System Analysis where the installed per-
formance is determined. This dats, along with weight breakdowns and
aero characteristics go to a Mission Analysis activity where the range
on various mission legs, energy maneuverability values, and propulsion
system and vehicle sizes and weights are determined.

This 1s obviously an outline of the general approach followed in
a typical air vehicle preliminary design study, and in fact the same
design analysis techniques are used. Optimization is accomplished by
repeating the process, varying design parameters in an orderly manner
to drive the design toward a superior performance level.

An essentlal requirement of the integration technique is to carry
out all of the steps shown in this slide., It 1s not sufficient, for
example, to proceed through only the Propulsion System Analysis block
and look at net thrust and specific fuel consumption to select an opti-
mum propulsion system. It may be that a weight increase would cancel
out the apparent benefits. '

Some of the various analysis blocks and the input/output data shown
in this slide will be discussed in more detail later. First, the use of
reference models and how they are used to obtain forces on the airplane
will be discussed.

Reference Model Integration (1)

‘The information on the next five slides is more easily grasped
when seen on one piece of paper, but one slide would be way too crowded.
Therefore, I'm going to have to ask you to remember some things from each
slide as we go along. .

We are seeking the forces on the actual airplane. In general, ve
mst use several models to get these forces., First, let us look at some
simple arithmetic to see what these are,

A sketch of an airplane in flight, omitting minor items such as
wings and tails for clarity, i1s shown at the top of the slide. To keep
things simple and still illustrate the important points, the airplane is
shown at zero angle of attack, and we will only concern ocurselves with
forces in the horizontal direction for this example.

The various chord forces, or drag, indicated on the sketch are as
follows:

R, chord force of the external air on the inlet cowl
F5 -« chord force of the external air on the afterbody

F « chord force of the external air on the remainder of
the airplane

F2 « chord force of the internal air on the inlet duct to
the approximate engine face location
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?3 ~ chord force of the internal air on the remainder
of the duct, to the nozzle exit

5% - additive drag force on the external streamtube

The net force on the airplane in the flight direction is shown by
the first equation. Performing a momentum balarce on the streamtube
passing through the engine gives the second eguation. By combining the
two equations we get the third equation. Here, the terms iun the brackets
represent the net thrust vhich riy also be represented by

| 2
Fy = Cg¢ Fippar, = foVo Po

The net thrust is determined by enalysis or internal rozzle tests to
obtain Cy.

The terms in parenthesis are determined from other model data to
obtain the last cquation. Here the terms in pareathesis are

C' - corrected chord force on aero model

ACy - corrected chord force chargeable to
the inlet

ACpp - corrected external chord force
chargeable to the nozzle

The last two are, of course, the propulsion system drag‘forces.

Now let us lock at the other models to see how we link the terms
in parenthesis in the third and fowrth ejuations. Remember, we want to
find Fa., Fl, Fh, and _F5 in terms of C, ACI, and ACAB‘

Reference Model Irtewrstion (2)

A reference aerodynamic (aerc) model is one whose exterral shape
represents the air vehicle, The model is used to determine the forces
and moments on the airplane, exclusive of .those forces and moments due
to bringing air on board or discharging air overboard. By doing this,
the forces and moments on the inlet and nozzle systems may be determined
independently in other tests or analysis and combined with the reference
aero model forces and moments to obtain those on the complete vehicle.
Ideally, the refarence aero model has a flow-through inlet. The inlet has
a collapsed ramp system, and the intermal cross-sectional area increases
in the downstream direction sufficient to permit the free-stream stream-
tube to flow directly into the inlet capture area. The inlet cowl repre-
sents the actual cowl. The aft end of thé reference aero model is shaped
to correspond to one of the expected nozzle configurations, if practical.
Thus, the inlet portion of the reference aero model determines the ref-
erence inlet shape, and th2 aft end portion, the reference nozzle config-
uration. The inlet configuration results in zero additive drag if a
collapsed ramp system, as shown here, is used.

On this, and the other reference models, the forces and quantities
that are different from those on the actual airplane are indicated with
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primes. The forces on the reference aero model are:

R, ~ chord force of the external air on the reference
inlet cowl

F5' ~ chord force of the external air on the reference
nozzle afterbody

Fa ~ chord force of the external air on the remainder
of the model

Fo - chord force of the internal air on the inlet duct
to the approximate engine face location

F3 - c¢hord force of the internal air on the remainder
of the duct, to the exit nozzle

The chord force measured by the balance is shown by the first '
equation. Again, a momentum balance on the streamtube gives the second
equation. The measured chord force 1s corrected as shown by the third
"equation. This removes the internal forces which will be accounted for
in the propulsion system. Combining the three equations we get the
fourth equaticr which gives the corrected aero model chord force,

Note that we have found Fq but have introduced two new terms to
find, F,' and ¥'.

_Reference Model Integration (3)

This slide shows the reference nozzle model and the actual nozzle
model.

The reference nozzle model is identical to the aft end of the
reference sero model. Since one is also interested in nozzle jet effects
.on afterbody forces, the flow coming from the nozzle exit on the reference
nozzle model should be the same as on the reference aero model. Also,
since afterbody forces may be sensitive to the oncoming flow field, it

1s advisable to simulate as much of the rest of the airplane model as
practical. TFlow-through inlets are not used, however, since the nozzle
flow 1s controlled by other means to obtain a wide range of nozzle
operating conditions to simulate the actual nozzle operation. It may
be convenient and/or more accurate to split the model near the aft end
and measure only the aft end forces, The actual nozzle is tested at
various boattall angles, expansion ratios, and ratios of total prescure
to freestream static pressure. In this way, the effects of both con-
figuration changes and plume shapes on afterbody forces are determined,
The nozzle exit station and the flow properties indicated on the sketch
correspond to.those of the refcrence aero model and vehicle configuration.
The primed quantities again refer to flow property values for the ref-
erence configuration.

The first equation shows the measured chord force on the reference

model. The second equation shows the measured chord force on the actual
model. The difference between these two is the chord force chargeable

54




to the nozzle, as shown by the last equation.

Now we have found an expression for F5 and the value Fs' introduced
by the aero model.

Reference Model Integration (4)

The reference inlet model simulates the forward portion of the ref-
erence aero model. Unless shown otherwise, it is most desirable to
include the vehicle forebody, mounted separate from the inlet, As on
the reference aero model, the reference inlet has 8 collapsed ramp system
and is operated at a mass flow ratio of unity so that the additive drag
is zero. The external inlet lines are ldentical to those in the ref-
erence aero model. The reference inlet model extends to the approximate

location of the engine face,

The chord force measured by the balance is shown by the first
equation. Performing a momentum balancz on the streamtube between
stations O and e gives the second equation.

The corrected chord foirce is shown by the third equation. It is
worth noting here that the corrections to the measured value are large
and must be determined accurately.

Combining the above equations gives the,last'equation. For now,
Just remember this equation. '

Reference Model Integration (5)

The operational inlet, with ramps, boundary layer bleed, bypass
doors, etc. is depicted here. This model is operated at various mass
flow ratios to obtain the inlet forces.

The first equation shcws the measured chord force, The second
equation results from a conservation of momentum on the streamtube.

The third equation 1s the corrected chord force of the actual inlet.
By combining the above equations we get the fourth equation. Here, Fy
is the additive drag term. ,

Finally, the chord force chargeable to the inlet is obtained by
subtracting the corrected reference model value from the actual inlet
value, as shown by the last equation.

In our inlet tests, which I will describe in a moment, we also
measured the forebody forces.

We have now expressed all the forces in the parenthesis on the first
of these slides in terms of the corrected and chargeable model forces.

Our bookkeeplng system is shown to be consistent and to give the
ansver we seek; the forces on the airplane,

Now, let us briefly review how some of the model data are presented
and used in the propulsion system analysis,
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Propulsion System Analysis Input/Output

This slide depicts now the data, obtained from tests Jjust des-
cribed, is presented to a propulsion system analysis. The chargeable
inlet drag versus mass flow ratio is given for variocus mach numbers.
Although not mentioned before, the chargeable inlet lift and recovery
are also used.

The nozzle thrust coefficient, obtained in other tests, is given
versus pressure ratio for various nozzle settings and primary to
secondary weight flows., The external nozzle chargeable chord force and
normal force are given versus nozzle exit area ratio, or its equivalent,
bouattail angle.

Engine component maps are also presented but have been left off
this slide.

The propulsion system analysis then uses these data to calculate
the data shown at the tottom of the slide. For low angles of attack,
the net propulsive effort is the net thrust minus the propulsion system
drag. Values of chargeable inlet and nozzle lift and drag are also
passad through the propulsion system analysis to the mission analysis,
along with the other data. ‘

Now let us review two of the tests performed as a part of the
program. '

Iniet Mcdel Installed In Tunnel

During the program, a numbe:r of vehicle configurations were de-
termined and analyzed. Onc of the configurations was selected for inlet -
tests and nozzle interaction tests. No tests were performed to obtain
the serodynamic forces cn the ceafiguration, i.e.; there was no aero
model . : ' =

This slide is a photogreph of & 0,135 scale model of the inlet
and forebody installed in the North American Rockwell Corporation Tri-
sonic Wind Tunnel. The forebody and inlet were mounted on separate
balances to obtain the forces on each. The model is mounted upside-
down in the tunnel. Only one inlet, the righthand inlet, was testzd.

Basic Inlet Configuration

A closeup photograph of the basic inlet is shown in this slide. The
boundary layer bleed aii openings are visible near the rear of the model.
Two fixed ramps, and one moveable ramp were employed.

Reference Inlet Coniiguration

The external lines of the reference inlet are identical to those
of the basic inlet. The reference inlet has a collapsed ramp system,
however, to permit operation at zero spillage drag.

Remember, the reference aero model, as was explained before, was
equipped with a reference inlet shape.
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Effect ¢f Forebody on Drag

The circle symbols represent the corrected drag values of the basic
inlet. The square symbols represent the chargeable inlet drag and are
the btasic inlet values minus the reference inlet values. The flagged
symbols indicate the forebody is off. We found that for this mach
number, M = 1,2, and for the other mach numbers tested using the ref-
erence inlet (M = .6, .85 and 1.3) that the chargeable inlet drag was
the same with the forebody on or off. o '

The drag coefficient is for one inlet and referenced to the cap-
ture area. (Note: 2A./S = .0327)

Effect of Forebody on Lift

This slide is similar to the previous slide except we are now
looking at lift. In this case, and at the other mach numbers, the
chargeable inlet 11ft was higher with the forebody on. This would in-
dicate the* inlet tests should be performed with the forebody simulated.

' Comparisc een Theoretical and Test Inlet Chargeable Drags (3 slides)
This . A the next two, show comparisons between measured and
estimated ¢ ; drags. The estimates using Kppp values referenced
in the prog .. .t are quite close to the measurements, Note that
it is importal. aclude the 1lip suction in the estimates. Also note

that the critical mass flow and drag levels are estimated quite well.

Chargeable Inlet Drag Summary

This slide shows a carpet plot summarizing the chargeable inlet
drag values throughout the mach number range. Beyond M = 1.3, the
reference inlet values used to obtain the chargeable drags werz esti-
mated since, through an oversite, we did not test the reference inlet
past M = 1.3. ' '

Chargeable Inlet Iift

'I'he' inlet chargeable 1ift is surmarized on this slide. The values
are quite sizeable and should not be ignored in accounting for propul-
slon system forces.,

Although I don't have a slide showing this, the changes in the
"torces on the forebody, when the reference and the actual inlets were

installed, were negligible,

Comparison Between Estimated and Measured Total Pressure Recovery

This slide shows measured and estimated inlet pressure recovery
versus mach number. The measured values are based on the knee-points
of the various recovery curves.

Sketch of Nozzle Interaction Model Installation

A 0.09 scale model of the same vehicle configuration used for the
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inlet tests was used tor nozzle interaction testing., The forward por-
tion of the vehicle, including wings, horizontal tail, and a no-flow
inlet were sirmlated. Only the forces on the aft portion of the model,
the metric section, vere measured, however.

High pressure cold air was routed through the strut and exhausted
at controlled .rressures through two sets of nozzles.

An internal balance was mounted inside the model to measure forces
on the aft end.

Pressure Instrumentation on Metric Section

An enlarged sketch of the metric section is shown on this slide.
By using four nozzles, one pair of plug nozzles, and one pair of C-D
nozzles, we were able to obtain both near wake {C-D) and far wake
(plug) effects on one model. '

Nozzle thrust forces were not measured and were isolated from the
external aft end model shell, The isolation was not as complete as we
had hoped, how-ver, and the internal balance chord force readings were
sometimes subjected to rather large tare forces. The normal force data
were not affected.

The aft end of the model had fairly dense static pressure instru-
mentation, as seen here, and by integrating the pressures over appro-
rriate areas, we obtained what appear to be reliable chord force data.
The chord force data I will show in a moment are based on integrated
pressures.

Please £ix in your mind what T mean by ;Lug nozzle and C-D nozzle
bzcause I will use tnese tnr:s later.

Reference Cone Ccnfigurations

Afterbody configuration changes were accomplished by using a series
. of nozzle shrouds and liners to vary the C-D nozzle exit area (A9/AM)
end internal area ratio. The plug nozzle configuration was the same
- for all tests.

Since we did not test an aero model the choice of a reference
nozzle model was arbitrary. We choose to use the configuration of
Ag/Ag = .5 as the common, or baseline, configuration. The main purpose
of the cones was to provide a simple axisymmetric shape that could be
easily tested and that was amenable to our available subsonic analysis
tool. The ccnes are attached to the non-metric portion of the model and
forces on them are not measured.

In the following slides, incremental values of chord force or normal
force mean differences between the configuration being shcwn and the
baseline configuration.

As a matter of interest, the drag of the metric reference after-

body was acout 40 percent of the estimated vehicle drag throughout the
mach number range.
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Afterbody Coufigura‘ion Effects on Chord Force Increments

This slide shows comparisons between measured and estimated chord
force with the nozzle Jets off. These are just changes in drag caused
by changing boattail angle (AQ/AM) and mach number. The best agreement
appears to be at the subsonic mach numbers and at M = 2.0. The general
agreement is quite good considering the rather ccmplicated shape of the
aft end of the model.

The chord force coefficient is referenced to the wing area.

Afterbody Configuration Effects on Normal Force Increment

This slide shows normal force changes due to boattall angle changes.
No estimates were made of normal force. As in the use of the inlet,
these values should not be ignored.

Now let us lock at some Jjet effects.

C-D Nozzle Static Pressure Ratio Effect in Chord Force Increment -
M = oglu

The data at the top show near wake effects. The C-D nozzle is
operating and the plug nozzle is off and has the cone installed. Tne
C-D nozzle exit static to freestream static pressure ratio (P9/Po) is
used to show power effects. The estimated near wake effects are in
fair agreement with the data. Also note the drag changes very little
with change in C-D pressure ratio.

The bottom curve shows the same as the above but with the plug
nozzle operating at a total to freestream static pressure ratio of 5.
The far wake effects were not accounted for in the annlysis ard sasre
secn to be unfavorable. '

C-D Nozz.le Static Pressure Ratio Effect on Chord.Force Increment -
M=1.27

The axes are the same as on the previous slide. For the supersonic
mach numbers, the estimates include both near wake (C-D) and far wake
(plug) effects. The near wake effects were estimated to be zero. GSome
small effects are seen in the data, however. The far wake effects are
not predicted too well at this mach number. ‘

C-D Nozzle Static Pressure Ratio Effects on Chord Force Increment -
M=2.0

The best agreement between estimated and measured combinations of
configuration and jet effects was obtained at M = 2.0,
Summary of Configuration and Jet Effects on Chord Force Increment -
M= .6, 1.27
AL 111 S

Integration of the internal and external nozzle dats can be a
problem, Not only power settings, but both internal and external nozzle
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geometry must be considered. It turned out, in the case of the data
we Hhtained, that the exit static pressure ratio effects, which may be
thought of as exhaust plume effects, were quite small for the C-D
nozzles. Because of this, the C-D nozzle chord force increments, at

a pressure ratio of about unity, may be taken to represent the correct
value for a range of pressure ratios between about .6 and 1.2. The
error in doing this amounts to only a few drag counts. If this 1s
accepted, the data may be plotted versus exit area ratio.

This slide summarizes the M = .6 and M = 1,27 data plotted in this
fashion. The s0lid lines represent measured data with the Jjets on.
The dashed lines represent the measured data with Jets off.

At M = .6 both configuration and jet effects are small., At
= 1.27 the conTiguration effects are dominant, and the jet effects
are favorable,

Summary of Configuration and Jet Effect= in Chord Force Increment -
M=1.7, 2.0
This slide summarizes the M = 1.7 and M = 2.0 data. Agsain, the

Jet effects are favorable, but small, and the boattaill angle changes
dominate.

Conclusions and Recommendations

1. The integration technique describved 1s workable and
provicdes the required degree of flexibility.

2. It 1s desirable to proceed through the eantire integration
nrocedure to determine the effect of e propulsion system
parsmeter chang If not, aa important effect, such as
the effect ol a welght change on vehlclie range, would
rot. be known, .

3. The proper use of reference modeis is essential to a
meaningful integration procedure. Reference models should
be used for vehicle evaluations involving Just analysis,
tests, or a combination of both.

4. Satisfactory testing techniques to obtain data required
for vehicle/propulsion system integration were demonstrated.
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EXPERIMENTAL INVESTIGATION OF TRANSONIC INLET DRAG
F. D. McVey, E. J. Phillips, and J. V. Rejeske

McDonnell Aircraft Company

ABSTRACT

The off-design inlet drag of supersonic fighter aircraft contri-
butes a significant portion of the total drag of the aircraft making
it necessary that thorough experimental and analytical studies are
performed to establish techniques for assessing the drag of the inlet.
Past experimental programs produced only a limited amount of inlet
drag data in the transonic regime because most drag measurements were
made with models which integrate the inlet with the full airframe. The
most useful experimental programs prior to this effort dealt only with
the measurement of additive drag or the variations in drag with mass
flow using an isclated inlet model. This paper deals with an experi-
mental program to accomplish the following objectives:

(a) Provide measurement of absolute inlet drag.

(b) Assemble parametric data defining the drag as & function of
flight speed, mass flow ratio, and geanetric parameters of
inlets.

(c) Establish criteria for the design of supersonic inlets to
. operate with low drag in the transonic regime.

(d) Develop techniques to predict the transonic drag of inlecs.

" (e) Demonstrate forebody effects on inlet drag.

It includes measurement of isolated inlet drag on a family of
axisymmetric configurations, on a variable geometry opposed ramp two-
dimensional inlet, and on an F-4 inlet. The paper presents a thorough
discussion of the testing technique, the choice of instrumentation,
design of models and the application of an inlet drag balance. Signi-
ficant conclusions drawn from the experimental program are discussed
in the paper.
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SYMBOLS AND NOMENCLATURE
Axisymmetric inlet body area.

Inlet capture area (projected area of cowl normal
to g).

Exit area of model (internal duct area of balance).
Flow area at the inlet lip station.

Captured freestream tube area. o
4

The minimum flow area of the internally contracted
inlets.

Ratio of inlet capture area to model body area.
Inlet lip to inlet cspture area ratio.
Mass flow ratio (capture area ratio).

Maximum theoretical inlet mass flow ratio (capture area
ratio). : .

Mass flow area ratio basedfon (internally

contracted inlets). Aruroar

Inlet throat to inlet capture area ratio.
Additive drag ccefficient based on inlat capture ares -

Fyon/ ket

Cowl drag ccefficient based on inlet cepture area -
Fc/quc.

Inlet drag coefficient (C

+Cc) based on inlet cep-
ture area - FI/quc.

ADD

Inlet drag coefficient tased on minimum inlet flow
area - either ALIP or ATHROAT'

Adapter force on the F-b4 or Opposed Ramp model.
Axisymmetric aft cowl force.

Inlet additive drag force.

Balance base force. \

The measured balance force.

Cowl drag force.
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LIP

OR

Skin friction drag force.

Model exit stream thrust (at rake).

Inlet drag force [FADD+Fc].

Innerbody or remp drag force.

Stream thrust at the inlet lip station.
Stream thrust of the captured streamtube.
Balance plenum force.

Aft seal force on the F-lL or Cpposed Ramp model.
Inlet design Mach number.

Model exit Mach number (at rake).

Mach number at the inlet lip station.
Freestream Mach number.

Model or balance stahis pressure.
Freestream static pressure.

Preestream total pressure.
B Y s

Freestream dynamic pressure >

Axisymmetrié cowl lip leading edge radius.
Angle of attack. “

Ratio of specific heats.

'F-k4 fixed leading ramp angle.

F-l4 variable second ramp angle.
Axisymmetric cowl angle.
Axisymmetric innerbody half-angle.
Opposed Ramp inner ramp angle

Flow angle at the inlet lip station.

Opposed Ramp outer ramp angle.
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INTRODUCTION

The design and integration of the propulsion system for high per-
formance fighter aircraft requires evaluation of the performance of
the inlet from several aspects - pressure recovery, distortion, and
drag. The drag of the inlet, and its effect on the selection of the
optimum configuration, has not been sdequately investigated in pre-
vious programs due to the difficulty of its measurement. In mos. of
the progrems to date, the inlet drag was measured with models ~f the
full vehicle., The effects of detailed variations in design such as
changes in lip geometry, design Mach number or compression contours
could not be isolated from the measurements of the total aircraft drag.
As a result, estimates of inlet drag have been made by analytical pro-
cedures and by empiricisms from the svailable literature including
small gquantities of data,

This program was conducted t¢ produce accurate experimental data
defining the drag of inlets in the transonic Mach number regime. A
family of axisymmetric inlets was designed for this test program to
produce data useful in assessing the drag of any single cone supersonic
inlet. =ach parameter of the inlet design, cone angle, design Mach
number, lip angle, etc., was varied systematically. These data were
also intended for the verification of analytical methods which were
being developed tc predict inlet drag. As a reference configuration
and a geometry typical of two-dimensional inlets, the F-4 inlet was
tested in an isolsted mode and with the F-L forebody. Variations in
ramp geometry were evaluated at both subsonic and supersonic test
conaitions.

A third configuration was included in the test program to inves-
tigate more complex two~dimensional configurations with variable
geometry designed teo reduce the drzg at subsonic speeds. The three
inlet configurations tested in tlis program are illustrated ir Figurs 1.

The importance »f the proper evsaluation of inlet drag is clear
for the case where cruise range is involved. The fraction of the total
aircraft drag which is generated by the inlet is significant at the
reduced airflow conditions corresponding to cruise. Figure 2 illus-
trates estimates of the level of inlet drag relative to the vehicle
drag for the F-b and F-101 aircraft.

This program is different from previous studies in that the
measured inlet drag is the total drag contributed by the pressure on
the captured streamtube and on thé inlet cowl, as illustrated in
Figure 3. In previous programs the experiments have determined the
variations in inlet drag with mass flow, or only the additive drag
component (References 1 and 2). This measurement of total drag is
important if the inlet designed is to be optimum. For example, shaping
of the cowl can reduce the drag at subsonic speeds and at supersonic
Mach numbers the same geometry may increase drag. Variations in the
cowl drag have not been measured independently in transonic tests prior

to this program.
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The data presented in this paper is assembled in a complete -form
in Reference 3. That report is an interim report on & test program
sponsored by the Aero Propulsion Laeboratory, Wright-Patterson Air Force
Base. The models used were supplied by McDonnell Aircraft Company.

The testing and reporting was sponsored by the Air Force and supported
by the Airbreathing Propulsion Branch, NASA-Ames. Special recognition
is due to Mr. Harlan Gratz, Air Force Project Officer, and Messrs.
Warren Anderson and Edward Perkins of NASA-Ames for their support,
recommendations and review.

INLET MODELS AND DRAG BALANCE

Axisymmetric Inlet Models

All models were designed to adapt to an existing inlet drag balance.
The axisymmetric configurations consisted of a set of normal shock in-
lets and a series of conical inlets applicable to supersonic flight.
These conicael configurations were designed to investigate the effects
of modifications of five primary geometric parameters:

Ratio of capture area to body area, A./Ag: .53, .62, .T1
Cowl angle, O.: 15°, 20°, 25°

Cowl lip radius, Ryrp: .008", .016", .o024"

Innerbody half-angle, O1g: 20°, 25°, 30°

Inlet design Mach number, My: 2.3, 2.7, 3.1.

- The design Mach number is defined here to be the Mach number at
which the conical shock wave intercepts the cowl lip. The variables
of the design are defined in Figure 4. For each design parameter three
models were constructed in which a single parameter was modified.
Eleven models are represented.

Only two parameters are necessary to define the normal shock con~
igurations. Three values of each parameter weré egain incorporated
in the family of normal shock inlets resulting in a total of five

models:

Cowl angle, 0q: 15°, 20°, 25°
Cowl 1lip radius, RLIP: .008", ,016", .024"

In addition, a variation in cowl configuration potentially offer-
ing a reduced subsonic drag was incorporated in the study. The cowl
shape differed from that shown in Figure b in cross section. For +his
configuration the leading edge was formed by an ellipse with a section
essentially that of an NACA 10-10 two-percent thick airfoil shape. The
major to minor axes of the ellipse were in the ratio of 10:1. This air-
foil contour is a low drag shape with acceptable characteristics in the
transonic Mach number range (Reference L4). This cowl shape was incor-
porated on one normal shock and one single cone configuration. The
ellipse was faired on the cowl contours of configurations A5 and A9 to
replace the conical leading edge shown in Figure b.

Table I defines the geometry of eighteen axisymmetric inlet con-

figurations in terms of the parameters discussed above. The nomencla-
ture is that shown in Figure 4. The majority of the configurations were
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instrumented with static pressures on the centerbody and cowls. Two
of the configurations included inlet lip rakes used to assess the
drag from pressure integrations as well as force measurements,

TABLE I
AXISYMMETRIC INLET GEOMETRY
Inner-

Conf. Type Cowl body Ac/Ap O RLIp Og Mp Apzp/Ac
¢ G 8

- 1.0

Al Normal €3 - Lo 20 024

A2 Shock C4 - b0 25 024 - -

A3 Cc5 - I T I 024 - -

Ab cé - " 15 .016 - -

AS cT - Lo 15 008 - -

A6 CTA - L0 NACA .008 - -

AT Single C8 IBL .62 15 .02k 2C 2.7 .619

A8 Cone c9 IBl 62 15,016 20 2.7 619

A9 €10 1Bl .62 15 ,008 20 2.7 .619

Al0 C1l 182 .62 20 .,008 20 2.7 .619

All c12 IB3 62 25 .008 20 2.7 .619

Al2 c11 IBL 62 20 ,008 20 2.3 697

Al3 c11 IBS .62 20 ,008 20 3.1 .551

Alk C13 1IB6 62 20 008 25 2.7 .557

Al5 €13 IBT 62 20 ,008 30 2.7 .519

Al6 ¢ik IB8 .53 25 .008 20 2.7 .619

AlT €15 IB9 .71 -25  ,008 20 2.7 .619
2.7 618

A18 ¢tB IB1O .62 NACA .008 - 20

F<4 Inlet Models o .

The F-U inlet was tested in this program vo produce drag data
representative of present day fighter configurations. The model was
designed to adapt to the balance by iacorporasting & windshield and a
large splitter plate. Figure 5 illustrates the assembly of the model
on the balance extension. The splitter plate and windshield were
connected to the non-metric element of the balance. The cylindrical
section which supports .the transition between the inlet and the duct
exit comnects directly to the metric element of the balance. The
boundary layer diverier was rigidly installed or the splitter plate
and formed the fairing shown in the phantom view of Figure 5. The
cowl and ramps are the elements on which the drag forces were measured.
The inlet cowl and the first ramp were fixed. The second ramp could
be modified by replacing the ramp portion of the model. Three con-
figurations representing alternate second ramp angles were tested in
the program. These geometries represent the variable features of the
F-b inlet applicable to the range of test Mach numbers. The parameters
of the model are illustrated in Teble II. The nomenclature defining
the F-4 inlet is presented in Figure 6.

The splitter plate of Figure 5 could be removed and replaced by
the forebody so that the proper flow field representing the effect of
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the forebody could be duplicated. This alternate configuration was
tested in the program to illustrate the effect of integration of the
inlet and forebody and proves the applicability of isolated inlet drag
data to integrated configurations. This test model is illustrated in

Figure T.
TABLE II

P-4 INLET MODEL GEOMETRY

Leading Second ALIP ATHROAT
Configuration Ramp Angle (§;) Remp Angle (6,) A, A,
Fl 10° 0° .649 .609
F3 10° 8° .5kl 48T
Fb 10° 12° .186 128

The cowl and ramp surfeces on the P-4 model were instrumented
with static pressures. A set of throat boundary leyer rakes were
installed on the model during the pressure tests. The model was
designed to remove pressure instrumentation during runs in which the
drag force was measured.

Opposed Ramn Inlet Models

Since the Arag of a fixed capture area inlet like the F-U is repre-
sentative of designs developed during the past decade, an alternate
configuration was included in the program to investigate the prospect
of drag reduction through the use of variable geometry on the outer
cowl. The model schematically shown in Figure 6 is defined as an
Opposed Ramp inlet. It is designed to produce the supersonic compres-
sion through a system of shock waves generated on the ramp and the
inbcard surface of the cowl. This configuration had been previously
tested showing high pressure recovery at moderate supersonic speeds.
The variable cowl ie included to allow reduction of the drag at the
cruise Mech pumber by edjusting the cowl -position, affecting a reduced
drag through a decrease in pressure on all external surfaces of the
cowl. The model incorporated alternate elements of the opposed ramps.
Tests were conducted with various combinations of remp engles to pro-
duce date defining the sppropriate ramp configurations for reduced
dreg at transonic and supersonic flight conditions. A sideplate was
employed with one configuration to demonstrate its effect on drag.
The ramp geometries for this model are given in Table III,

The elements of these models were also instrumented with pres-
sures to identify the contributions of additive and cowl drag to the

total inlet drag.
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TABLE III

OPPOSED RAMP INLET MODEL GEOMETRY

Artp  Arupoar

Configuration Ramp Angle (GIR) Ramp Angle (OOR) A, A,
Bl L4,75° ~4.75° .701 .701
B2 L,75° -3.25° .T09 .701
B3 L.75° +0.50° JT49 .7C1
Bl 4.75° +2.00° 196 .701
Bs 9.100 "ho?So . 0557 0557
B6 9.10° +2.00° .650 . .557
BT(Sidéplate) L,75° ~l,75° . 701 .T01

Inlet Drag Balance

The inlet model support and drag balance includes provisions o
(a) measure diffuser pressure recovery, (b) determine steady state
velocity distribution (distortion) at the model exit, (c¢) measure mass
flow through the inlet model, {d) vary inlet mass flow ratic, (e)
measure the axial force (drag) applied to the inlet model, and (f)
support the entire test assembly. This apparatus has becen used exten-
sively to measure the drag of axisymmetric inlets at supersonic speeds,
This "flow-through" balance was designed to measure the axial force on
an inlet suspended with a strain gage system. Measurement of the
difference in the stream thrust between the freestream and the instru-
mentation station in the duct along with base pressure neasurements
form an accurate means of deducing inlet drag.

The support consists of three concentric shells, illustrated in
Figures 8 and 9. The inner shell is non-metric and is en extemsion of
the duct contour and supports the model exit rake. Thae middle shell
is metric and is attached to the diffuser duct section of the inlet
model to be tested and acts on instrumented cantilever beams when an
axial force is applied. The outer shell provides support for the inter-
nal mechanism and also acts as a windshield. The inner and outer shells
are rigidly fastened together. The middie shell is supported between
the inner and outer shells by means of eight support bearings which
allow it to move fore and aft as axial loads are applied. Strain
gages are mounted on two cantilever beams which restrain the motion of
the middle shell, The strain gages on the two beams are connected
electrically in parallel and temperature compensated at the test
operating conditions. A throttle located behind the rake is moved
axially to vary the exit area and pressure and thereby the mass flow
through the balance. The balance incorporates a windshield which forms
a smooth external contour downstreem of the metric element of the inlet
model. For the F-4 and Opposed Ramp models the windshield was extended
to insure a smooth external contour at the end of the metric element of
the inlet, as shown in Figures 3, 5, and 7. For all models a technique
of sealing the gap between the metric and non-metric elements, at the
inlet-windshield interface, was developed. A dental dam seal was
installed to prevent flow circulation associated with non-uniform cross
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sections of the F-4 and Opposed Ramp models. The windshield cavities
vere vented to the tunnel static pressure to guarantee the uniformity
of the pressure level on the nonsymmetric adapter, and also to guaran-
tee that the force applied to the external contours of the adapter at
all test conditions would remain constant with respect to the tunnel
conditions.

INSTRUMENTATION AND TEST TECHNIQUES

Determination of Inlet Drag

Figure 10 illustrates the forces which are applied to the inlet
model and balance assembly, and provides an indication of the calcula-
tions required to determine the inlet drag from the measured datsa.
The terms of Equations (1) and (2) of Figure 10 involve the measure-
ment of: (a) pressures within the cavities of the balance, (b) pres-
sures on the forward facing surface of the model adapter (two-dimen-
sional models), (c) static and total pressures in the rake located in
the duct at the break between the metric and non-metric elements, (d)
the force indicated by the strain gage element, and (e) the throttle
position.

The mass flow control is accomplished on the balance with a
rexotely operated throttle which has been carefully calibrated using
measurements of the rake total pressure, plug position, and exit static
pressures. The use of a well calibrated mass flow measuring system is
imperative if the inlet drag is to be measured accurately.

The balance ktrain gege force measurement included the external
gkin friction drag. This force is not included in the total inlet
drag and is removed from the gage measurement by calculations assuming
a turbulent boundary layer over the complete cowl surface (Reference 5).

To separate {he additive drag and cowl drag, separate pressure
tests were accomplished where pressure distributions on the compression
surfaces and the external surfaces of the ccwls vere measured. These
tests duplicated the force tests. The additive drag was calculated
using the imnnerbody or ramp pressure data and assuming a& uniform velo~
city profile and total pressure recovery at the lip plane of the inlet,
The cowl drag was calculated by integration of the external pressures
over the cowl area. The additive drag calculation procedure is illus-
trated in Figure 11. ‘

The elements of inlet drag (additive and cowl) were deduced from
both pressure tests and force tests, For the axisymmetric configura-
tions the additive drag was deduced by subtracting the cowl drag mea-
sured from the pressure tests. For the two-dimensionsl configurations
the cowl drag was deduced by subtracting the additive drag measured
during pressure tests, It was thought that the pressure integrated
sdditive drag was more accurate than pressure integrated cowl drags
because of the complicated geometry of the two-dimensional inlet cowls.

Requirements on Instrumentation
A systematic examination of the data reduction represented by the

force components in Equations (1) and (2) was performed to specify
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the instrumentation. Sensitivity calculations were made which indicated
the required accuracy of the drag balance and adapter cavity pressures.
From this study it was apparent that accurate instrumentation was re-
quired for the measurements of base, adapter, plenum and rake static
pressures. lack diaphragm gages were used to insure an accuracy of
*.10 pound in any measured forcz component. Accurate measurement of

the rake total pressures at the model exit was accomplished by employ-
ing a scanivalve system using a low range difierential pressurc truns-
ducer and & wind tunnel reference preasure.

TEST PROGRAM

The program was accomplished in two phases. 'The first consisted
of isolated inlet tests of the Axisymmetric, F-li, and Opposed Ramp
models. In the second phase the effects of the forebody on the F-h4
inlet were measured. The F-4 and Opposed Ramp configurations were run
at several angles of attack. The Axisymmetric inlets were all tested
at zero angle of attack only. The test Mach numbers were between 0.6
and 1.05 for the majority of the runs, however, several tests were con=-
ducted at supersonic conditions. '

RESULTS

Axisymmetric Inlet Drag Data

The drag coefficients presented in this section are defined in
terms of two reference areas. The coefficient Cy is referenced to the
projected frontal area of the inlet at the lip. The second coefficient,
Ci', is formed by referencing the drag to the throat area of the inlet.
This technique ellcws a drag comparison of inlets with differing throat
area. Since the model configurations ¢ 1d not be rade to pass the same
flow rate at each test Mach number, cc.,arisons based on the throat earesa
coefficient Cy' show the drag of configurations with equal flow capacity.
The results of the tests at Mach 0.9 on the famiiv of exisymmetric g
inlets are vummarized ir Figures 12 through 16. These curves jllus~
trate the dwag of configurations with various cowl angles, cone angles,
lip radii, design Mach numbers and the ratio of capture to body areas.
The results show a surprising insensitivity of the drag to variations
in the design parameters of the inlets. The data is parametric with
respect to the mass fiow ratio which again shows a small variation in
drag with spill. Figures 17 and 18 compare the total inlet drag and
additive drag, rr~spectively, measured for configuration Al0. Data for
Mach numbers from 0.7 to 1.05 are presented. These results show that
the cowl forces are in the thrust direction and that this force essen-
tially cancels the additive drag. The drag reduction due to the cowl
pressures rapidly disappears for test Mach numbers above 1.0. Compari-
son of the additive drag curves for Mach number 1.05 and 0.9 of Figure
18 illustrate this point. This behavior is expected, since the cowl
pressures will ultimately be well above freestream static as the flight
Mach number increases.

The most significant parameter affecting the drag of axisymmetric
configurations was the contour of the cowl leading edge. The effects
of lip radius are eliminated from the comparison by the technique used
to incorporate the elliptical cowl leading edge. Figure 19 shows a
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comparison of the inlet drag coefficient determined on two c..ufigura-
tions differing only in cowl shape. The effect of mass fl.- -atio and
Mach number are illustrated. For the high mass flow ratios where the
streamline is inclined slightly with respect to the body axis, both
configurations exhibit equivalent drag. As the mass flow ratio is de-
creased, the local flow angle approaching the cowl leading edges
increases and the superior characteristics of the elliptical cowl
shape are evident. The elliptical leading edge contour is thought to
maintain san attached flow while the blunted conical leading edge is
thought to experience separation. The data of Reference b suggests
this edvantage. Further tests of alternate cowl confipgurationz appear
to be a fruitful area for research.

Comparisons of Force and Pressure Determinations of Inlet Drag

The axisymmetric data allows the most direct comparisons to be made
between the inlet drag deduced from pressure distributions and that ob-
tained from force meesuiements. The pressure distributions were inte-
grated to predict the cowl drag and the drag on the innerbody. To
determine the total inlet drag the stream thrust at the lip and in the
captured streamtube were calculated assuming one-dimensional flow. The
total pressure loss between the inlet lip and freestream was assumed to
be negligible at transonic conditions. Figure 20 compares the drag mea-
sured with the force balance with that determined as described above for
two test Mach numbers, These data agree well at high mass flow ratios
vhere the pressure distribution un the lip may be integrated with good

accuracy.

The cowl pressure distribution is extremely steep near the lip.
Al)l cowl pressure dats indicates the existence of a slight rise in
pressure forward of the first tap eat high mass flow ratios, but extremely
low pressure levels in this region at low mass flow ratios. These trends
were indicated irn the Schlieren photographs of Reference 3, which show
the existence of a low pressure o seperated rﬂglon on the cowl lip at

reduced mass flow conditions.

Comparison of Predicted and Measured Inlet Drag

An analysis of the flow field generated by exisymmetric inlets at
high subsonic speeds was accomplished in a parallel study described in
Reference 6. The method is a solution of the compressibie flow equaticn
using a finite difference procedure based upon the construction of a
network or grid which surrounds the inlet. The boundaries of the net-
work are formed by the inlet contour, a plare across the flow within
the duct, an undisturbed streamline parallel to the axis of symmetry,
and planes defining uniform flow conditions upstream and downstream of
the inlet. The method produces a prediction of the inlet drag as well
a3 a definition of local flow conditions at all points in the flow field
network. This method was used to calculate th~ inlet drag for axisym-
metric configuruations as a function of mass flow ratio and Mach number.
Comparison of the predictions with the data at a mass flow condition
which produces a choked inlet yield a predicted drag higher than the
data. Since a one-dimensional flow assumption at the choked inlet plane
will produce the highest additive drag, an empirical adjustment of the
theoretical model was applied at the maximum mass flow ratio.
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Figure 21 shows a comparison of drag data determined by force mea-
surements with the modified analytical methed. With choked flow condi-
tions at the inlet, the inlet stream thrust is calculated assuming a
one-dimensional flow and the centerbody and cowl drags are determined
from predicted pressure distributions. The variation in drag with mass
flow ratio is determined directly from the analysis.

F-4 Inlet Drag Data

Selected results from the F-b inlet drag tests are presented here
to illustrate the effects of the forebody and changes in second ramp
angle on the drag characteristics of the inlet. ' The inlet drag (Cy)
is determined from the force data and the additive drag {(Cppp) is deter-
mined from pressure data. Figures 22 and 23 present the inlet drag (Cy)
and Figures 24 and 25 present the additive drag for the 10°-0° ramp con-
figuration operating at transonic speeds. This inlet configuration was:
tested with and without the splitter plate and with the F-LUB aircraft
forebody mounted on the non-metric element of tune balance. The inlet
alone tests showed the highest drag, both inlet and additive drag.
With the F-UB forebody configuration 1nstalled, it exhibited the least

drag.

The changes in drag which occurred with the introduction of the
splitter plate and the aircraft forebody on the isolated model are ex-
pected. The splitter plate eliminates any spill across the leading
edge of the first ramp insuring that all spill takes place in a region
where the deflected stream can produce a reduced cowl force. With the
F-4B forebody the drag reduction may be due to several effects; flow
angularity at the inlet plane, the development of additive drag on the
forebody, or finally by a change in local Mach number at the inlet plane.

It should be noted that only the drag levels are different between
isolated and integrated configurations, and that tbe drag variation w1th
mass flow is constant for all configurations.

Figure 26 presents the inlet drag data for the 10°—8° ramp con~
figuration tested at supersonic conditions with both the splitter plate
and the aircraft forebody. The results show the same characteristics
as discussed above for the 10°-0° ramp configuration.

The effect of varying the second ramp angle on F-U inlet drag is
illustrated in Figure 27 at a Mach number of 0.90. At subsonic condi-
tions, increasing the second ramp angle decreases the drag at a given
capture ratio, This characteristic is important since a significant
reduction in inlet drag may be realized at low mass flow ratio by
changing the ramp and increasing the inlet Mach number. The effect of
the ramp angle change on pressure recovery must be considered.

Opposed Ramp Inlet Drag Data

Selected results showing the drag of the Opposed Ramp configura-
tions are presented in Figures 28 and 29. Figure 28 shows the effect
of varying the outboard ramp angle at cruise conditions. The effect
of two extreme positions of this second ramp is shown in the figure to
identify that the low cowl angle reduces the drag significantly.
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As expected, an increase in inlet drag at cruise conditions is
indicated by the addition of the single sideplate. This is illus~
trated in Figure 29. This increase in drag can be attributed to
increased streamline turning that results when all of the side spill
is deflected in one direction.

Figure 30 presents a comparison of the Opposed Ramp and F-b in-
let drag at cruise conditions. The drag coefficient and mass flow
ratios in this figure are referenced to the inlet throat area rather
than the inlet capture area in order to compare mcdels with egqual air-
flow capacity. As intended with this design, the Opposed Ramp inlet
provides a drag reduction at cruise conditions.

Comparison of Drag Data for Axisymmetric and Two-Dimensional Inlets

The drag data from each of the tests was summarized to construct
the boundaries of the drag data with mass flow ratio for each inlet
type. The reference aree for the drag coefficients of Figures 31 and
32 is the inlet throat area.

The difference in drag characteristics between axisymmetric con~
figurations and the two-dimensional models is expected, and mey be
explained on the basis of the geometry of the captured streamtube. If
one considers the streamtube.geometry for an axisymmetric inlet com-
pared to two-dimensional inlets &t the same mags flow ratio, it is
clear that the pressure on the axisymmetric streamtube is lover since
the deflection is less than that of the two-dimensional configuration,
therefore its drag is smaller, The drag of the two-dimensional models
is dependent on the aspect ratio, since the amount of deflection of
the captured streamtube and the extent of the cowl area are directly
related, -

It appears for this data that changes in aspect retic and side-
plete gecmetry for two~dimensional inlets are important variables’
controiling the variation in inlet drag with mass flow ratio.

Figures 31 and 32 show that the drag of two-dimensional configura-
tions may be controlled by the use of variable geometry features when
the inlet operates at a high mass flow ratio. \

CONCILUSIONS

The program has provided a compilation of data on the drag of
different inlet types ~ a fraction of which are presented in this paper.
However, the important results of the program are:

1. Accurate measurements of the isolated and integrated inlet drag
may be made on both axisymmetric and two-dimensional inlets using
a properly designed drag balance.

2. The presence of an aircraft forebody does not alter the slope of
the inlet drag variation with mass flow ratio.

3. The determination of total inlet drag from integrated pressure data
is unreliablé due to uncertainties in flow conditions at the inlet
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lip plane and pressure variations near the lip of the cowl.

As a result of the symmetry of the flow field and the large cowl
area, variations in the design variables and mass flow ratios pro-
duce relatively small changes in inlet drag on the axisymmetric
inlets at subsonic speeds.

The data illustrates that low drag characteristics may be main-
tained for two-dimensional inlets by appropriate control of the
inlet geometry. :

The additive and cowl drag predicted by analytical methods agrees
well with experimental data.
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FIGURE 4

AXISYMMETRIC INLET DESIGN PARAMETERS
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FIGURE §
F-4 INLET MODEL AND SPLITTER PLATE TEST ASSEMBLY
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FIGURE 6
F—4 AND OPPOSED RAMP INLET GEOMETRY
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FIGURE 7
F-4 INLET MODEL AND FOREBODY TEST ASSEMBLY
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FIGURE 8
MODEL SUPPORT AND DRAG BALANCE SCHEMATIC
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FIGURE 10
BALANCE LOAD DIAGRAMS
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FIGURE 11
CONTROL VOLUME APPLICABLE TO THE DATA REDUCTION AND THE
COMPRESSIBLE FLOW THEORY
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FIGURE 12
EFFECT OF COWL ANGLE ON INLET DRAG
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EFFECT OF INNERBODY HALF-ANGLE ON INLET DRAG
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FIGURE 17
AXISYMMETRIC INLET DRAG COEFFICIENT
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FIGURE 18

AXISYMMETRIC ADDITIVE DRAG COEFFICIENT
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FIGURE 19
COMPAR!ISON OF THE CONICAL AND ELLIPTICAL LIP INLET DRAG
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FIGURE 20
COMPARISON OF PRESSURE AND FORCE DATA
FOR AN AXISYMMETRIC INLET
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FIGURE 21
COMPARISON BETWEEN MODIFIED THEORY AND TEST DATA
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FOREBODY EFFECTS ON THE F-4 INLET DRAG
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FIGURE 28
EFFECT OF RAMP ANGLE ON THE OPPOSED RAMP INLET DRAG
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FIGURE 30
COMPARISON OF THE F-4 AND OPPOSED RAMP INLET DRAG
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FIGURE 31
ENVELOPE OF THE DRAG DATA FOR EACH FAMILY OF INLET CONFIGURATIONS
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FIGURE 32
ENVELOPE OF THE DRAG DATA FOR EACH FAMILY OF INLET CONFIGURATIONS
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A PLAN FOR BOOKKEEPING OF THE PROPULSION AND
AERODYNAMIC ELEMENTS OF AIRPLANE PERFORMANCE

Leonard H. Schreiber

Manager of Propulsion
The Fort Worth Division of General Dynamics

ABSTRACT

One of the difficulties in calculating airplane per-
formance is in defining a consistent methodology for cor-
rectly including all eliements of the propulsion and aerody-
namic forces. The difficulties arise with respect to the
propulsion/aerodynamic interfaces, i.e. the inlet and the
nozzle, and they basically exist because the aerodynamic
configurations of these propulsion system components are not
fixed, but rather vary with the engine operating conditions.
Further, multiple models are required when wind tunnel test
data are used to predict the propulsion and/or aerodynamic
characteristics. Unfortunately, a universal bookkeeping
system does not exist., The purpose of this paper is to
present a specific bookkeeping system to exhibit one method
for ensuring that all propulsion and aerodynamic forces are
properly accounted for and that the airframe and engine
companies' data are compatible. A proposed methodolegy is
presented for an arbitrary airframe configuration. The pro-
pulsion system includes a variable-geometry inlet and a
plug-type exhaust nozzle. The forces acting on the real
airplane (as opposed to wind tunnel models) which must be
accounted for are identified, as well as the parameters
which cause them to vary. The typical force model used in
wind tunnel testing to obtain aerodynamic data is considered,
including its simulation lim:tations., Further, the propul-
sion wind tumnel test models, which more closely simulate
the true propulsion system configuration(s) and operating
conditions, are considered so as to explain how additional
aerodynamic and propulsion data may be obtained from these
models,
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Cpa/p
Corm
Cpy
Cprn
CDLS
Coy
Cpg

ACpy /p

41 Cp
| 1 A/P‘NM

42 Cop/p

Al
"2 CDA/P NM

LIST OF SYMBOLS

nozzle exit area
inlet capture area

area of freestream tube which enters
the inlet

plug projected area

reference area for calculating drag
nozzle throar erea

drag coefficient

additive drag coefficient

airplane drag coefficient

drag coefficient from force model
inlet interference drag
installed-inlet drag

chsnge in cowl drag due to lip suction
nozzle cowl drag

inlet spillage drag (Cpp-Cppg)

airplane drag increment obtained from nozzle
model test (see Figure 8)

part of [AC ]
DA/P o

part of [ACDA/P]
NM

same as [A2 CDA/P]NM , but referenced to

ideal gross thrust rather than q, x Appp
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ACy

LIST OF SYMBOLS (Continued)

nozzle velocity coefficient
installed-nozzle velocity cocefficient

nozzle velocity coefficient at static con-
ditions

change in nozzle velocity coefficient due
to external flow and installation effects

ideal gross thrust

nozzle plug length

nozzle exhaust flow

inlet flow

freestream Mach number

nozzle pressure ratio

static pressure at nozzle exit plane
freestream static pressure

nozzle plug static préssure
freesiream dynamic pressufev
Reynolds number

freestream total tempefature
exhaust gas velocity at nozzle exit
freestream velocity

distance along nozzle plug

airplane angle-of-attack
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1.  INTRODUCTION

That there is considerable uncertainty in the calcula-
tion of airplane performance prior to the availability of
flight test data is a point that I believe is not contro-
versial, There are many technical difficulties involved in
making these predictions, such as the inability to completely
simulate the true configuration on a scale model and the
extrapolation of wind tunnel data to full-scale conditioms.
But there 1s alsoc the problem of defining a consisi.at
methodology for correctly including all elements of the pro-
pulsion and aerodynamic forces. It is this latter problem
that I would like to discuss in this paper.

If a consistent methodology is not defined, the extrapo-
lation of the scale model wind tunnel data, in conjunction
with the other analyses leading to the prediction of air-
plane performance, will prove to be a futile effort, Here
again, I do not believe that it is too argumentative to
conclude that some of the past differences between predicted
and actual airplane performance can be traced to the lack of
a counsistent methodology. For, if the methodology is not
clear, we can expect to have difficulties in commnunication
among the technical specialists within a given organization
- and probably even more so when this involves interagency
activities,

The correct bookkeeping of all propulsion and aercdy-
namic forces is complicated by (1) the existence of propul-
sion/aerodynamic interfaces, i.e. the inlet and the nozzle,
for which the aerodynamic configurations are not fixed but,
- rather, vary with the engine operating conditions; and (2)
the need for multiple scale models for wind tunnel tests,
none of which fully simulate the desired configuration
and/or operating conditions, therefore requiring integration
of these various sets of data in order to interpret the test
results correctly.

Unfortunately, a universal bookkeeping system neither
exists nor is feasible, at least in the ultimate sense.
Thus, the purpose of this paper is to present a specific
system to exhibit one method that will ensure (1) that all
propulsion and aerodynamic forces are accounted for, and
(2) that the airframe and engine companies' data are com-
patible., No attempt will be made to discuss the theoretical
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methods for predicting these forces; however, the signifi-
cant wind tunnel tests will be described briefly.

For the purpose of this discussion, the airframe/pro-
pulsion system (Figure 1) is assumed to have an inlet with
variable-geometry compression surface but with fixed inlet
capture area., A plug-type exhaust nozzle, with movable
nozzle cowl and collapsible plug, is included to illustrate
the effects of the internal/external aerodynamic inter-
actions of this nozzle type.

The proposed methodology will be defined by considering
the forces acting on the full-scale airplane. The identifi-
cation and accounting of the aerodynamic and propulsion
forces have been established with the following objectives
in mind:

1., The forces should be identified in a manner
that will permit the engineer to predict
them with a reasonable effort (either theo-
retically or from empirical correlations).

2. All of these forces should be measurable
on the scale wind tunnel models tested
during the configuration development/evalu-
ation test program.

3. A meaningful evaluation of the engine thrust
should be feasible.

However, we must not be mislead into optimizing each
element of the bookkeeping system. Rather, the summation
of these forces, the airplane thrust minus drag, should be
optimized. The sole purpose of the bookkeeping system is to
organize the thrust-minus-drag data into manageable and,
hopefully, understandable elements.

Therefore, let us review the inlet and nozzle opera-
tions as they affect the external aerodynamics of the air-
plane. Throughout the discussion, the airplane flight con-
dition will be considered to be constant, unless noted
otherwise, but engine operation will be allowed to vary in
order to illustrate the airframe/engine interactions.

137




2, INLET

At a typical supersonic flight condition, the inlet
capture area ratio will be less than the maximum value of
1,0, and some inlet spillage will exist, as depicted in
Figure 2. As a result of this spillage, the inlet additive
- drag must be included in the airplane drag. For a particular,
operating inlet capture area ratio, a given cowl drag will
exist., As the inlet capture area ratio 1s variled, the addi-
tive drag and cowl drag will vary in a r.anner such as shown
in Figure 2,

It is convenient to consider inlet operation at a cap-
ture area ratio of 1.0 as a reference condition, since, by
definition, the additive drag is zero at Ay,/Ay = 1.0. Thus,
at reduced capture area ratios, the total inlet drag
(spillage drag) 1s equal to the additive drag less the
decrease in cowl drag (1ip suction), as shown in Figure 2,
Similar drag relationships exist at subsonic conditions,
although the magnitude of the inlet drag is lower.

In the above discussion no consideration was given to
any potential interacticn between the! inlet flow and the
total airplane flow field. 1In the real situation, the inlet
flow may interact with the airplane (in addition to the cowl,
which has already been accounted for by the lip-suction
effect). For example, as shown in Figure 3, these inter-
actions may affect the inviscid flow field, or there may be
an effect on the airplane boundary layer, or the installed
local flow may differ from the isolated case. In any case,
the existence of inlet spillage may result in a larger drag
increase for the composite configuration than it would for
the case of an isolated inlet, as discussed above. We can
consider this excess drag to be an "inlet interference drag'".
In Figure 4 the inlet interference drag is shown added to
the additive, lip-suction, and spillage drags of Figure 2,

From the above description, the total effect of air-
frame/inlet interactions has been provided for, and this has
resulted in the definition of an installed-inlet drag
(Figure 4) as being comprised of three components--additive
drag, lip suction, and inlet interference drag. The
installed-inlet drag is the parameter of real interest.

Now, it is appropriate to consider the criteria pre-
viously defined, i.e. that the propulsion/aerodynamic forces
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should be predictable and measurable., With regard to pre-
dicting the installed-inlet drag, it is clear that the
approach should be to predict each of the three components.
The additive drag and lip suction parameters should 'present
no problem'" since we have been calculating them for some
time now., However, while it is not the intent of this paper
to discuss the appropriate technical methods, but rather
only the bookkeeping system, it is noteworthy that the
available additive drag and lip-suction prediction tech-
niques are not adequate to permit these predictions to be
made with real confidence. And even less work has been done
in the area of inlet interference drag, as evidenced by the
lack of data comparing measured inlet drag as a function of
A,/A{ for an isolated inlet with similar measured data for
an installed inlet. This limitation of the prediction tech-
niques, and the fact that the installed-inlet drag is sensi-
tive to the airframe configuration and the inlet installation
details, suggests that the installed-inlet drag must be
measured if we are to avoild excessive drag. However, this
measurement task is not a simple one for speeds in excess of
approximately Mach 2.0 to 2.2,

The normal approach to measuring the installed-inlet
drag 1s to utilize an airplane force model (Figure 5) which
is the basic tool for investigating airplane drag. However,
because of the requirements for large angle-of-attack vari-
ation, this model is usually of fairly small scale. Thus,
it is not practical to simulate various geometric features
of the full-scale inlet, including such detail characteris-
tics as the cowl lip shape and the inlet compression-surface -
boundary-layer bleed that is needed above Mach 2.0 to 2.2,
Therefore, we can expect that boundary-layer separation will
occur on the force model inlet compression surfaces. For
sub-critical inlet airflows, this will result in an inlet
shock system that differs from the full-scale pattern and,
therefore, an incorrect measurement of installed-inlet drag.
We can overcome this deficiency by using a larger scale
model in which the inlet compression-surface bleed can be
installed. Because of the large model size, it would be
limited to low angle-of-attack tests, The larger model
would also permit a better simulation of the cowl lip details,
which are important to the generation of 1lip suction.
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3. EXHAUST NOZZLE

The plug nozzle shown in Figure 6 1s an excellent
example of the bookkeeping system complications that can be
introduced by the engine exhaust system., This results from
the aerodynamic interactions of the exhaust stream with the
external flow and with the aircraft components downstream
of the nozzle, as well as from the variable cowl. ‘hese
interactions affect the nozzle thrust, nozzle drag, and
aerodynamic characteristics of the affected airframe com-
ponents.

Let us first considev the full-scale nozzle in an iso-
lated configuration., As the engine power setting is varied,
the jet pressure ratio will vary and the cowl and collapsible
plug will move to change the nozzle throat area and nozzle
expansion ratic. As a result, the nozzle drag will vary
because of the change in cowl external lines and because of
the jet effects on boattail pressures., Also, for each
nozzle geometry, the nozzle gross thrust is determined by
the nozzle internal geometry, nozzle pressure ratio and
exhaust gas temperature, and the plug pressures affected by
the aerodynamic interactions between the exhaust stream and
the external flow. (See Figure 6 for the definition of
gross thrust.) Thus, we can properly account for the iso-
lated nozzle forces if we account for the nozzle drag, CTpy,
and the nozzle thrust, Cy, as functions of My, NPR, Ae,
and A¢. - :

When we consider the nozzle in its installed configura-
tion, the nozzle drag can still be accounted for as a func-
tion of Mgy, NPR, Ae, and A¢, although its level will be
different than in the isolated configuration. However, the
drag of the airplane surfaces in the vicinity of the nozzle
cowl and plug will also vary with these same parameters
because. of aerodynamic interactions. Further, the drag of
the airplane components downstream of the nozzle will be
affected by jet effects. Therefore, the total airplane drag
(including the nozzle drag) is a function of My, NPR, Aa, °
and At. The nozzle thrust coefficient, Cy, will vary with
these same parameters, as in the isolated case, although the
absolute level will differ because of the change in plug
pressures with the external flow field of the real airplane
as compared to the isolated case.

Thus, we have defined airplane drag and nozzle thrust
in a compatible manner, and we now need to consider the
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previously stated criteria of predictability and measur-
ability. We are all aware that methods are available for
predicting airplane drag, but with various limitations. We
cannot account for the true exhaust jet with current pre-
diction techniques, i.e., we assume that the jet is cylin-
drical out to infinity. Also, while data are available to
predict the jet effects on nozzle boattail drag, for isolated- -
type configurations and very specific installed configura-
tions, we find it difficult to estimate (1) the jet effects
on the airplane surfaces in the immediate vicinity of the
nozzle, and (2) the effect of the installation on nozzle
drag and nozzle thrust coefficient.

Thus, although we have established a rational book-
keeping system, we find that we must depend to a great extent
on wind tunnel data to obtain the total effect of the exhaust
jet on the drag of a specific airplane configuration. Here
again, however, we find that the problem is complicated by
the limitations of the wind tunnel models.

If we could measure the total airplane drag on a model
in which the nozzle geometry and the exhaust jet are simu-
lated, and which operated with the desired inlet flow, we
would have a fairly direct measurement of total airplane
drag (at tunnel Reynolds number). However, we are not yet
able to accomplish this degree of simulation on the normal
force model (Figure 5) since the jet requires pressurized
air. Studies of scale-engine simulators are in work and may
provide such a capability in the future. The present force
models provide airplame drag data for a value of NPR that is
less than ram pressure ratio (due to non-isentropic inlet
pressure recovery and internal losses). The effect of nozzle
cowl geometry variations can be determined, but only for the
excessively low NPR values.

Thus, we find that airplane drag must be measured on ;-
force model which does not simulate the exhaust jet, and
that jet effects must be obtained as incremental effects on
a separate model (Figure 7) on which the nozzle and exhaust
jet are properly simulated. 1In view of the need for the .
separate nozzle model, we find it expedient to'inot even
simulate the true nozzle plug on the force model. The effect
of the true plug can be obtained on the nozzle model in con-
junction with the other incremental drag effects.

The nozzle model is used to determine the effect on aft
airplane drag of changing from the force model nozzle con-
figuration to the true nozzle configurations (various cowl
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and plug settings), including the effects of NPR variations.
This is accomplished by attaching the aft portion of the
airplane and part of the nacelle/nozzle to a force balance.
The resulting airplane drag increments, depicted in Figure 8
are then added to :the force model airplane drag data to
arrive at the total airplane drag, Cpy/p, as a function of
Mo, NPR, Ae, and A¢. Since the nozzle model correctly simu-
lates the airplane in the vicinity of the nozzle and down-
stream of it, and since the jet is simulated fairly well,
the change in airplane drag due to the real jet as compared
to the force model jet is available (at test Reynolds numbezr
Thus,

Coasp = Copy [ACDA/P]NM
where ‘

Coa/p = £(tMos NPR, Ag, A¢)

Copy = £(,) for a constant o and
Reynolds number

IACDA/P]M = £(My, NPR, Ag, Ap)

By combining the data from the force and nozzle models, we
are able to determine the tctal airplane drag, However,
whereas the force mcdel is deficient in not simulating the
nozzle and exhaust jet, the nozzle mocdel 1s also limited in
that the inlet is not simulated. The inlet is faired over,
as shown in Figure 7, resulting in some change in the up-
stream external flow at the nozzle.

We previously defined the performance for the installed
nozzle as Cy = £(M,, NPR, Ay, A¢). This quantity is pre-
dictable to the extent that it is a meaningful term. In
actuality, we have data from nozzle tests and from theoreti-
cal calculations with which we can attempt to predict in-
stalled nozzle performance, but we must recognize that these
methods leave much to be desired. Therefore, the nozzle
model used to obtain the drag increments due to jet effects
(Figure 7) 1is also used to measure nozzle performance in the
installed configuration. Nozzle thrust (as defined in
Figure 6) is measured by the force balance and corrected by
adding the nozzle cowl drag from cowl pressure measurements.
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1f we were willing to use these scale model nozzle data
in conjunction with measurements of engine gas generator
characteristics (i.e., tailpipe pressures and temperatures,
gas flows) to imply the thrust of the engine and nozzle
(during either ground facility tests or in-flight), then the
absolute level of installed nozzle thrust coefficients from
the nozzle model would have real meaning. However, since
the engine contractor has the responsibility to develop the
engine and nozzle hardware, it is extremely desirable to
have the performance of his full-scale hardware demonstrated,
But, it is not possible to do this in the installed condi-
tion. Therefore, we have elected to consider the installed
nozzle performance to be made up of two parts. These parts,
as shown in Figure 9, are (1) the static nozzle performance,
and (2) the combined effects of external flow and nozzle
installation. ' '

This approach permits the engine countractor to predict
the static nozzle performance as part of his presentation of
the total engine plus nozzle performance for static condi-
tions (i.e., no external flow over the nozzle, but with the
appropriate freestream conditions corresponding to the
Mach/altitude envelope at the engine inlet). Subsequently,
the engine contractor can demonstrate full-scale engine plus

.nozzle performance at static conditions. These demonstration

tests are not limited to sea-level static conditions, but

can simulate flight operating conditions by varying the total
pressure and temperature at the engine compressor face, with
the nozzla exhausting to an altitude facility to produce the
desired pressure ratio., The change in nozzle performance,
ACy, due to the external flow of the real airplane is ob-
tained by subtracting static nozzle performance from the
installed performance, both obtained on the same nozzle
model, Thus,

Cvyn = Cvg + ACY
where

Cyg = £(NPR, Ag, A¢) for My, = 0 (from model
and full-scale tests)

ACy = £(M,, NPR,_A,, Ap) (from the nozzle model)
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If, in lieu of the above approach, the engine contractor
quotes of engine plus nozzle performance were to consider the
eff .~ts of external flow, the effects would have to apply to
a configuration in which the full-scale hardware could sub-
sequently be tested to demonstrate its performance. This
configuration would likely be defined as having the nozzle
installed on an isolated cylindrical forebody (large enough
to house the engine in the full-scale configuration). But
this approach would complicate the engine testing signifi-
cantly by requiring external flow over the nozzle. And it
would only result in the definition of an alternate reference
condition (as compared to the previously selected static
condition) for which the incremental effect of the installa-
tion would still have to be determined. By selecting static
conditions as the reference level, as stated previously, the
engine plus nozzle performance demonstration tests in a
ground test facility are comparable to similar tests for an
engine with either convergent or convergent-divergent nozzle.

As stated previously, the increment in nozzle perform-
ance from static to installed conditions includes both the
effect of external flow and the effects of the specific
installation. No attempt is made to isolate these effects
since the individual components are not significant.

4. AIRPLANE

The discussion thus far has been concerned mainly with
the incremental change in airplane drag due to the inlet and
nozzle as measured on the force and nozzle models, respec-
tively. With the reference systems selected for defining
these zffects, it follows that the basic airplane drag is
measured on the force model, with the inlet operating at
Ao/A{ = 1.0 and with a specific nozzle cowl geometry operat-
ing at the NPR resulting from the use of a ducted inlet.

The total airplane drag at given inlet and nozzle conditions
is as shown in Figure 10 in accordance with the bookkeeping
system described thus far. The installed-nozzle thrust
coefficient is also shown as the sum of the static value
plus the external flow/installation effect.,

There is still one difficulty with the system presented
in Figure 10: the drag and gross-thrust coefficients both
vary with engineé operating conditions (Ao/Ai, NPR, Ag, At).
For convenience of calculating airplane performance, it is
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desirable to define the airplane drag so that it is invari-
ant with engine power and is a function of only the normal
parameters (Mo, ¢ , Re, airplane trim)., This can be accom-
plished by including part of the drag in the installed-
engine performance (i.e., the inlet drag, Cpy) and by divid-
ing the term [ACDA/p]NM into two parts, as follows:

[oose]. = [e15ouse]_ + [z

where the first term corrects the force model data to a set
of reference values of NPR, A,, and Ay (these are unique
values which vary with My and are selected to be representa-
tive of the most important engine operating conditions), and
the second term corrects from these reference conditions to
any other engine operating condition. The first term is
then included in the airplane drag, while the second term

is included in the installed-engine performance. This only
requires that the available data be interpreted in the manner
described above, as opposed to including the total nozzle
drag correction, [ACDA/p]NM, in the airplane drag.

This final bookkeeping system is presented in Figure 11,
As seen, all terms which vary with engine power setting are
included in the installed net thrust. Further, the portion
of the net thrust which is quoted by the engine company is

| [Cvs (I"Gid).] - mp Vo
5. SUMMARY

A bookkeeping system has been defined which clearly
identifies the responsibilities of the various technical
‘gpecialists and should facilitate communication among them,
It has the desired feature that the airplane drag does not
vary with engine power setting and, conversely, that the
installed net thrust includes all forces which do vary with
engine power. This facilitates the calculation of airplane
performance, Further, it permits the engine contractor to
quote the engine and nozzle performance in a manner that
permits it to be verified by tests that are meaningful in
the context of the total bookkeeping system,
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However, the basic problems inherent with wind tunnel
testing still remain. Simulation of both the inlet and
exhaust flows in a given model is lacking, and the extrapo-
lation from test to full-scale Reynolds numbers is not
always understood because of flow phenomena which are unique
to the specific airplane configuration.
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FIGHTER EXHAUST SYSTEM BLENDING*

D. Migdal
W. K. Greathouse

Grumman Aircraft Engineering Corporation
ABSTRACT

The scope of this presentation will be limited to exhaust nozzles for
small compact twin-engine fighter installations powered with after-burning
turbofan engines. Background information will be presented on F-~111 type
installations and previous exhaust nozzle choices to illustrate design features
which may limit performance. Model test data will be used to display the
merits of recently available nozzle designs and the effects of different
fuselage installations. Interactions with the airframe, both external and
internal, will be discussed. A compatible bookkeeping system used to
account for these thrust and drag interactions will be outlined using an
advanced fighter as an example. Tradeoffs of performance and mechani-
cal aspects evolved from the selection of an exhaust system for this air-
craft will be discussed.

© *This paper not available for publicstion
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ANALYSIS AND DEMONSTRATION TECHNIQUES FOPR INSTALLATION
AERODYNAMICS EFFECTS ON HIGH BYPASS TURBOFANS

James L. Holdhusen

FluiDyne Engineering Corporation
Minneapolis, Minnesota

SUMMARY

The compressor performance of the fan stage largely determines the thrust

delivered by a turbofan engine. The engine fuel consumption is determined by
the efficiency of the gas generator, which must supply the energy for the turbine
stage which drives the fan. The fan and gas generator are designed and developed
as a unit and demonstrated in a direct-connect test stand by the engine manu-
facturer, The aircraft manufacturer then needs to determine the net thrust and

. specific fuel consumption at cruise. These may be predicted by using, first of
all, the engine manufacturer's test data and introducing six additiona! aero-
dynamic factors:

1. Inlet internal recovery;

2, Inlet internal distortion;

3. [Exhaust system thrust coefficient;

Inlet e#ernal drag;

Aft surface external drag.

Mutual interactions between the engine and aircraft flow fields.

& oo

Methods of conducting engine tests, wind tunnel tests, lnd flight tests are
reviewed, and an analytical framework for combining the above six factors
for predicting net cruise thrust is proposed. Ia this process, it is possible
to ‘“entify g:‘xd describe several minor aerodynamic phenomena which have not
beer mulated in the ground tests. A method for assessing the resulting un-
certainty in pr.e'dicqmg the net cruise thrust of the subsonic turbofan engine

is presecnted.
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LIST OF SYMBOLS

A Cross-sectional area (normal to x)
Effective seal area from pressure calibration

Thrust coefficient
Thrust-minus-~drag coefficient
Additive drag

Installation drag

Grounding force in balance or shear force in pylon
Mach number

Mass flow rate

Total pressure

Static pressure

Surface area (parallel to x)

Thrust force

Total temperature

Shear stress

<—a"n—3m-d'vgg:.—:

Velocity
Direction of flight

4
[al

SUBSCRIPTS

Balance cavity
Demonstrator engine
Fan

Gross

Installed

Ideal

Inlet external lip
Powered nacelle model
Seal cavity

Turbine

Uninstalled

Ambient or free stream

sc"mgr*»'-*oa“-o.o
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I. INTRODUCTION

The high bypass ratio turbofan propulsion systems now being developed
will power a new generation of transport aircraft whose cost effectiveness
will be unparalleled in the history of commercial long-range transportation.
The most important factors contributing to the reduction in cost per passenger-
mile are the low specific fuel consumption (SFC of 0.6 pound of fuel per hour
per pound of uninstalled cruise thrust) and the large size of the engines (40,000
pounds._static thrust) which enables a single aircraft to carry 300 or more pas~
sengers. The low specific fuel consumption is a result of high thermodynamic
efficiency of the engine cycle (pressure ratio of 25) combined with the high
propulsive efficiency resulting from the low exhaust velocity of the fan {bypass
ratio of 5).

When inlets, nozzles, and pylons are added to these relativaly large
engines ;here is a significant (perhaps ten percent) reduction in their cruise
net thrust. This installation drag is probably still the least understood drag
- element of these new alircraft, as it was in 1965 (Ref. 1), although consider-
able progress has been made in techniques for analyzing, measuring, and
reducing it. -

It is the purpose of this paper to describe generally accepted definitions
ot the separate elements of installation drag and the tests which are used to
determine their magnitude. Techniques fof predicting i:he total installation
drag, including interaction effects, will be described. Consideration will
be limited to cruise performance, although installation drag analysis during
take-off and climb can also be conducted with the methods described.
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II. DETERMINATION OF UNINSTALLED CRUISE THRUST

The turbofan engine designer has traditionally been primarily concemed
with "flange~to-flange" thermodynamic performance. An analysis of cruise
thrust begins from his specification of the increase of total pressure and total
temperature of the ingested air. Ideal thrust velocities for each of the two exit
passages are calculated for an isentropic change of state from exhaust total
pressure to ambient pressure. The ideal gross exhaust thrust is obtained by
multiplying the mass flows in each passage by the ideal exhaust velocities:

Tgi = mf\l1 + mtV1 . (1)

f t

The ram drag i{s then subtracted to obtain a theoretically available net thrust
for the turbofan engine called the ideal uninstalled cruise thrust, Tu
’ i

T =mV, +mV, -mV_ . ' (2)
uy fif tLt LA

The actual uninstalled cruise thrust, Tu , can be determined from ground
tests of the enginz and model tests of the exhaust nozzle system, as will
be described. The difference hetween the actual uninstalled cruise thrust
and the installed cruise thrust, TI . 15 the installation drag:

D.=T =T (3)
and would be zero in inviscid subsonic flow.

Installation drag analysis is initially simplified by assuming that the
propulsion system performance is not affected by the flow field of the air-
craft. The aerodynamic interactions between the aircraft and the propulsion
system are later applied as corrections to the isolated engine performance.
If the portion of the pylon between the wing and the horizontal dashed line
in Figure 1 is assumed to be lengthened sufficiently so that the flow field
below the dashed line is not significantly changed by a further increase in
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pylon length, the engine may be considered isolated. The portion of the
pylon below the dashed line interface is considered to be part of the pro-
pulsion system.

In steady, level flight, the shear force in the pylon structure at this
interface is the isolated engine installed cruise thrust. A cross-séction of
the isolated engine, which is assumed to operate with its axis parallel to the
flight direction, is shown in Figures 2 and 3. The pylon shear force has not
yet been measured in flight because of numerous practical difficulties. It is
thus necessary to determine the installed cruise thrust by correcting the data
obtained in ground tests of the engine, in which a corresponding pylon shear
force can be measured, for the missing elements of installation drag.

Demonstration tests of the engine are conducted in test cells in which
the static pressure can be maintained at cruise static pressure, Py + (typi-
cally 0.25 atmosphere). Air with stagnation pressure and stagnation tempera-
ture corresponding to flight values (0.4 atmosphere and 0°F) is introduced
at the upstream end of the engine (Figure 4). The engine is structurally iso~
lated from the air supply ducting and the small gap is sealed with a flexible
bellows, labyrinth seal, or fabric seal. The shear force in the pylon, H ,
is measured and transmitted to ground by a load cell.

In such a test, it is desirable to have the detailed internal flow pro-
cesses in the engine simulate flight conditions as accurately as possible.
Ideally, the supply ducting would have the shape of the captured streamtube
and the inlet shape would match the flight inlet aft of the stagnation line.
Such a configuration would create the transverse variations in static pres-
sure and velocity near the inlet lip which occur in flight, if it were not for
the boundary layer on the supply ducting. Even if the supply ducting termi-
nates in a well-designed contraction, the boundary layer in the contraction
would undoubtedly separate ahead of the simulated stagnation line and create
an annular vortex before it reattaches. The practical alternative for ground
testing is to introduce air at the inlet throat (Station 3, Figure 2) with as
thin a boundary layer as possible so that the diffuser boundary layer has a
maximum possibility of avoiding separation and reproducing flight perform-~

ance.
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This relatively minor detail brings to attention the first element of
installation drag. In inviscid flow, every streamtube approaching the fan
would have flight stagnation total pressure. Any loss of stagnation pres-
sure in the diffuser will cause a reduction in the stagnation pressure leav-
ing the engine, which will cause consequent reductions in vif and vlt of
Equation 1. The engine manufacturer specifies the derivative,

or its dimensionless equivalent, from analysis and tests, so that the first
increment of installation drag (which is, in reality, a decrement of uniristalled
thrust) is

-

. BTu
ADI =,(Fm - PS) a—Ps" . ‘ (4)

This quantity is actually obtained from a set of performance curves (or a per-
formance deck for a computer) at various’values of corrected weight flow

m@fé_ ' N

5 and corrected engine ;otational speed fe’ .

Inlet studies for these engines reported to date generally show only

. a very small loss in cruise total pressure, and this loss probably is confined
to the duct boundary layer. Current engine installation designs for commer-
cial transports show a trend toward relatively long fan exhaust cowls, which
raises the possibility that acceptable external aerodynamic performance for

'the cowl may be obtainable with the fan placed well forward of the cowl maxi-
mum external diameter. Overall engine length may then be signlficéntly in-
fluenced by inlet diffuser length, and further studies to decrease this length
may eventually lead to the conclusion that a shortened inlet diffuser result-
ing in some small inlet total pressure loss will optimize cruise performance.

The second factor which can redu}ce uninstalled thrust is total pressure
or velocity distortion at the fan leading edge. The fan is normally able to
tolerate some finite level of distortion without noticeable change in perform-
ance, but if the distortion index exceeds this threshold value, the fan output

166




average total pressure {s reduced and a decrement in uninstalled thrust must
be applied to the system performance. Again, symbolically, this inucrement
in installation drag is

oT

AD, = APS 3(515}5-5 (5)

where AP5 is the total pressure variation across Station 5 in excess of the
allowable threshold value. There is a current trend to analyze both total
pressure and velocity variations as they affect fan performance, and a ‘per-
formance index for installation drag based on both of these factors may become
industry practice in the future. The inlet flow at cruise is steady enough that
fluctuations in velocity and total pressure are not a significant problem.

The third element of installation drag to be considered is the thrust
loss resulting from inefficiencies in the fan and turbine exhaust systems.
The "flange-to-flange"” boundaries of the engine terminate at Stations 6 and 8
(Figure 3). These stations may be regarded as charging stations for the tur-
bine and fan nozzles, and if the gross exhaust thrust is less than is theoret-
ically available from an ideal nozzle system, a decrement in installed thrust
will result. The most practical means of determining this increment of instal-
lation drag is by a model study as shown in Figures 5 and 6. Both the direct~
connect test of the full~-scale engine (Figure 4) and the models in Figures 5
and 6 involve similar flow phenomena on the aft pylon and turbine exhaust
cowl. The drag on these components is automatically included in the meas-
ured force, H , which is obtained when air is fed to the fan and turbine exhaust
charging stations of the model at cruise pressure ratio, so that these contri-
butions to installation drag are properly accounted for. The model tests result
in a thrust coefficient, CT . which is the ratio of the actual gross exhaust
thrust delivered minus the drag (under static conditions) on the turbine ex-
haust cowl and that part of the aft pylon inboard of the fan cowl trailing edge
to the gross exhaust thrust an ideal nozzle would deliver at the same charging
station conditions. The increment in installation drag is:
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In practice, the engine manufacturer guarantees the performance of the en-
gine in the direct-connect tests of Figure 4. His d: -stration tests are
based on the measured pylon shear force, H , and ir...u.de all of the elemen
of installation drag described to this point. The actual "flange-to-flange"
performance (the actual uninstalled cruise thrust) may be calculated as fol-
lows. The cruilse thrust of the demonstrator engine is:

Tg=mgV =~ H+AL (p_ -py) -myV, 7)

where

v is the etfective velocity which, when multiplied by m_ , gives
the momentum flux in the alrflow entering the demonstrator engi

A; is the effective area of the seal between the air supply duct an

the demonstrator engine;

‘ p is the average static pressure over the entire cross-sectional
area enclosed by the seal.

The uninstalled cruise thrust is larger than Td by the amount of installatio
drag sncountered by the demonstrator engine A

s - (8

Tu ='-Td * ADI

+ AD2 + AD
The model nozzle test and rakes in the inlet and charging stations of the
demonstrator engine furnish the experimental data required to correct for
these three increments of installation drag.

If the engine performance guarantees (SFC and thrust) are actually ba
on the uninstalled cruise thrust, it is necessary to determine these installa
tion drag increments before the engine manufacturer can present demonstrat
performance data. A more practical alternative, and one which is generally
used at this time, is to guarantee the thrust performance, ‘I‘d , of the demot
strator engine with reference or demonstrator configurations for the inlet dii
fuser, pylon, fan exhaust nozzle, turbine exhaust cowl, and turbine exhau
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nozzle. Changes in flight performance resulting from changes in the final
design of these components can then be initially assessed by model studies
and later by direct-connect tests of the final flight version of the engine.
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III. INCREMENTS OF INSTALLATION DRAG RESULTING FROM
FLOW AROUND THE ENGINE

A. Inlet External Drag

The fan inlet cowl is defined as that part of the fan cowl and pylon
surface which Is forward of the maximum diameter and {s not in contact with
the captured streamtube (Station 1 to Station 4 in Figure 3). The goal of the
inlet designer is to achieve a reduced pressure on this surface such that the
axial component cf the integrated relative surface pressure results in a thru
force equal to the additive drag. (Additive drag is the axial component of ti
integrated relative pressure on the captured streamtube up to the stagnation
line.} Such complete additive drag cancellation would occur in inviscid flo
(Ref. 2). Failure to achieve this level of lip suction is a consequence of
viscous effects.

The high bypass turbofan inlet drag studies reported to date have in
some cases depended on measuremerts cf inlet pressure distribution to ass:
the deqgree of lip thrust achieved. Two practical difficulties occur in deter-
mining the difference between the lip suction force and additive drag:

1. The lip suction force is verv strongly influenced by any errors
in determining the location of the stagnation line.

2. An accurate solution for the compressible equations of motion
of the flow ahead of the inlet must be calculated before the ad¢
tive drag can be determined and compared with the measured ljj
suction force.

Both of these difficulties can bz avoided if tests are carried out with an ax
force measurement on inlet models. An arrangement which we are proposin
to use in our transonic wind tunnel i{s shown in Figure 7.

After making the following definitions,
A

D, a.fAl(p-p,)dA
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it can be shown (see Appendix) that the lip drag, D! , can be calculated -

L
from measured quantities on such a test arrangement as:

Dy =m,(V -V +A (b -p)+A,p, ~-p,)+Alp, -p)-H (9)

where Vn and A's have the same physical meaning as in Equation 7. After
proper corrections have been made to D'L to account for the change in skin
friction, 7 , for the higher Reynolds number of the aircraft installation, the

fourth element of installation drag is simply

AD4 = 1:4L . (10)

Such a test can also obviously incorpoﬁ:te studies of inlet total pressure
loss and distortion without affecting the extemal drag.

B. Aft Surface External Drag.

The effects of external flow on all of the components aft of the maximum
fan cowl diameter can be determined from transonic wind tunnel tests of a
model such as is shown in Figures 8 and 9. If this model is first tested
with the wind tunnel shut off, the thrust coefficient, CT , of Equation 6 will
be measured. If the model is next tested with the wind tunnel operating at
cruise Mach nunmiber, a lower thrust coefficient, commonly called the thrust-
minus-drag coefficient, CT-D , will be measured. (The appropriate defini-
tions and equations for these coefficients are given in Ref. 3.) The difference
betwecen these coefficients when muiiiplied by the ideal gross exhaust thrust
gives the aft surface external drag:

Dy = (Cp=Cp )T 3 (11)

1M



This drag is made up of the following elements:

1. the pressure drag and friction drag on the boattail and base of
the fan exhaust cowl,

2. the pressure drag and ﬁjiction drag on that part of the aft pylon
which is outboard of the fan exhaust cowl trailing edge, and

3. any increase in turbine exhaust cowl drag and aft pylon drag re-
sulting from interactions between the external flow and the fan
exhaust flow.

When this drag is corrected by the skin friction on the outboard horizontal
surface of the pylon (since this surface is never sheared by the external flov
in flight) and for Reynolds number effects, the final increment of installatior
drag for the isclated nacelle is obtained:

ADg =D_, - a2

In the test just described, the boundary layer growth on the support
tube ahead of the model results in a boundary layer thickness at the fan cow
maximum diameter which is somewhat thicker {relative to the cawl diameter)
than would occur in flight. The support tube boundary layer and the absenc
of the flared portion of the captured streamtube also change the local pres-
sure distribution at the inlet leading edge. We have conducted tasts in
which the effects of these factors have been studied as they might influence
the fan cowl afterbody pressure distribution. The support tube was tested
in its normal cylindrical (five inch diameter) shape and also with a shape
which simulated a streamtube capture ratio of 0.75. The boundary layer
thickness on the support tube was varied from 0.30 inch to 0.15 inch by blo
ing a layer of supervelocity air along the support tube farthe upstream (in
the wind tunnel contraction, see Ref. 3). Neither of these factors caused a;
appreciable change in the pressure distribution on the fan exhaust cowl. Th
may be largely attributed to the fact that the fan exhaust cowls tested to dat
have been designed to have large radil and small boattail angles in the meri«
ional plane. The resulting recompression on the boattail has been gradual

172



. . -

enough that separation was not encountered even with a boundary layer that
was thicker than the corresponding flight value.

1t will be noted that the grounded portion of the test configuration in
Figures 7 and § begins or ends at the maximum diameter of the fan cowl. The
total external aerodynamic drag (DL + Daft) should be independent of the
longitudinal location of this gap as long as a consistent location is chosen
for both models. It would perhaps be advantageous to locate the gap farther
aft on both models, so that tests with the atypically thick boundary layer
and with the simulated cylindrical captured streamtube (Figure 8) would have
even less likelihocod of affecting the measured installation drag.
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IV. POWERED NACELLE MODELS

In 1965 there was developed a powered nacelle model of a high bypass
ratio turbofan (Ref. 4). The primary purpose of the development was to find
a better means of studying the effect of the combined flow fields of the engii
and the aircraft than had previously been available using flow-through nacel
or blown nacelles (Ref. 5). Since that time, models have been designed and
built for this purpose to simulate all three of the engines committed to produ
tion for the new generation of commercial transports (Pratt and Whitney JT9-’
Rolls-Royce RB.211, General Electric CF-6). Further data concerning engin:
aircraft interaction from the oriqinal program have become available (Refs. 6
and 7) as well as a report describing the use of such models for studies of
thrust reversers (Ref. 8). The advantages of using such a model for internal
studies of inlets has also been mentioned (Ref. 9).

The fan blades and cowls for these powered nacelle models are design
to match full-scale performance as closely as possible. However, signifi-
cant changes in the shape and number of the fan blades are required at the
greatly reduced linear scale (1:25). Even 50, these models (manufactured by
Tech Development Corp., Dayton, Ohio) do develop the full fan total pres-
sure ratio of the prototypes. The fan is driven by a high speed (80,000 r.p.
impulse turbine which is located in the volume occupied by the gas generato
in the prototype engine (Figure 10). The turbine i3 driven by high pressure
air (25 atmospheres) which is introduced through the pylon. Because of this
the inlet mass flow is reduced by the reciprocal of the bypass ratio of the
prototype if the fan exhaust nozzle is scaled.

A direct-connect test may obviously be made of the powered nacelle
model (Figure 11) in the same manner that the full-scale engine is tested
(Figure 4). The same wind tunnel tests to determine the external drag of the
inlet (Figure 7) and the aft external drag of the pylon and exhaust system con
ponents (Figures S and 8) may also be made for the powered nacelle model as
well as for the models of the full-scale engine. In fact, one single wind
tunnel program would serve both for the powered nacelle model and the full-
scale engine if the cowling and pylon shapes of the full-scale engine are
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reproduced in the powered nacelle model. The only difference between the
two sets of tests would be that the inlet model would have to be tested at
both the cruise capture ratic of the full-scale engine and the somewhat lower
capture ratio to which the powered nacelle model would be limited at cruise
Mach number. The installed cruise thrust of the powered nacelle model can
then be calculated.
TI=Tu-AD1-AD2-AD3-AD4-AD5 (13)
After this has been accomplished, the validity of all of the above pro-
cedures, tesis, and definitions can be subjected to a critical test if the pow-
ered nacelle model is tested in a transonic wind tunnel at the cruise Mach
number (Figures 11 and 12) and the pylon shear force, H , 18 measured. This
measured pylon shear force should equal the installed cruise thrust for the
powered nacelle model calculated from Equation 13. The same kind of test
could be made for the full-scale engine except that the largest suitable wind
tunnel for such a test has a test section area which is only a small fraction
of the size that would be required for transonic tests of these large turbofans.

The point of the discussion above can be made in a different way. The
cruise thrust of the powered nacelle model without external flow can be cal-
culated from the tests of Figure 11 by

Ty = MaVp, ~H+ AL (P - p,) -mV, (14)

where the symbols have the same meaning as those following Equation 7. The
cruise thrust with external flow is H in Figure 10. The difference between
these forces should equal the sum of the increments of external drag result-
ing from flow around the powered nacelle model.

?

Ty - H= aD, + 4D, . (15)

The amount by which this equation is not satisfied should, in principle,
result only from the following two factors:
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1. improper simulation of the flow properties upstream of Station 3
in the direct-connect test
and
2. excessive boundary layer thickness on the fan exhaust cowl and
fatlure to simulate the flared shape of the captured streamtube in
the tests of Figure 8.

A third factor which may also influence the comparison is the effect
of uncertainties in the quantity m_ in Equation 14. The cruise mass flow of
the powered nacelle model must be measured in the wind tunnel test before
"the direct-connect test can be run. This can be accomplished if the transonic
wind tunnel tests of the blown nacelle model or the direct-connect tests of
the powered nacelle model are used to obtain a discharge coefficient for the
exhaust nozzles. If the charging station total pressures for the nozzles are
measured in the wind tunnel tests of the powerad nacelle model, the captured
mass flow can then be calculated.

A second alternative explanation of the same general conclusion is
equally meaningful. If a powered nacelle model, an ejector-powered model,
or a small turbofan engine can be tested both in a direct-connect test stand
and in a transonic wind tunnel and if the external flow around any of these
devices is the same as around a fuli-scale turbofan engine, the fuli-scale
installation drag increments, AD 4 and A]T)5 . can be determined by apply-
ing simple and well-known scaling factors for size and Reynolds number
effects.
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V. CONCLUDING REMARKS

The foregoing discussion has attempted to define by equations the
principles and methods of analysis used in conducting tests to optimize and
determine installation drag of high bypass turbofans. Several alternatives
are possible in practice, such as using the inlet instead of the exhaust nozzles
to measure the mass flow in flight and in the wind tunnel tests of the powered
nacelle model. Practical means of analyzing, simulating, and testing the
effects of nonuniform temperature, velocity, static pressure, and flow direc-
tion at the charging stations and at the nozzle exits have been developed in
the past few years. Perhaps the most troublesome problem at this stage of
development is coping with exhaust nozzles which become unchoked because
of external flow effects. Even so, itis probably now possible to determine
installation drag to within one percent of cruise thrust, although a completely’
integrated model program to demonstrate this has yet to be conducted. Incre- '
mental differences between alternative designs can be determined to one-half
percent of cruise thrust, or one-sixth percent of gross exhaust thrust, at the
- 95 percent confidence levél.

The basic difficulty encountered in optimizing and measuring installa-
tion drag is that the drag-producing flow fields occur in close proximity to
- fiow fields of the propulsion system in which very large aerodynamic and
thermodynamic gradients exist. Quite sophisticated techniques have been
developed for measuring the exhaust system thrust coefficient (Item 3 in the
Summary) and the aft surface external drag (Item 5). These two elements un-
doubtedly account for much more drag at cruise than the combination of all of
the other four elements. The inlet external drag remains a somewhat elusive
quantity for high bypass turbofans, perhaps because it is so small. The same
status exists for Item 6, but this element may not remain small if the engines
must be moved closer tc the wing. An additional element of installation drag
which has not been discussed here must also be included in the final assess-
ment. This is the increase in inlet drag and exhaust system drag which results
from leakage through auxiliary inlet doors and thrust reverser systems. Such
leakage drags can be determined by the model studies described herein.
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The engine cowlings and pylons are important components of the turbo-
fan engine not only because of their influence on the installed thrust perfor-
mance but also because of their large weight. In view of the fact that the
primary design responsibility for these components now rests with the airframe
manufacturer, and not the engine manufacturer, it would seem that a dispro-
portionately large effort has been expended by the engine companies in develop-
ing test techniques and design information. This is a result of the intense
competition involved in serving their customers. Because of this healthy and
vigorous competition, essentially no specific performance information on
installation drag has yet appeared in the literature.

A possible eventual goal for the engine companies, and one which the
airframe companies would probably welcome, would be the comgplete resporisi-
bility for the installed thrust periormance of the engines. A trend in this
direction is evident in that in many cases the engine companies are building
and guaranteeing the performance of the thrust reverser subsystems. This new
definition of responsibilities will probably have to await the development of
an in-flight thrust measurement system in the pylon, so that performance
guarantees (at least of an isolatéd engine on a flying test bed) can be demon-
strated. Such a division of responsibilities would also obviate the neecd for
the complicated analyses of scrubbmcj drag on the aft pylon and turbine ex-
haust cowl which must now be made to correct the demonstrator engine direct-
connect performance data to the contract guaraniess.
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APPENDCIX

If the internal surfaces of the shaded body of Figure 7 exert a force or
the captured streamtube whose axial component, ¢, is assumed to be directs
downstream, the axial force on the captured streamtube between a station al
of the mode!l in undisturbed flow and the exit plane of the nozzle, n, is:

A _
1 .

p,A.,*J'A pdA+@-p A ..
. |

This force may be equated to the increase in the axial component of momentt
flux of the captured streamtube between these two reference stations:

: Al .

PA,t J. pdA+p-p A =mV -mV_ .

Aﬂ
An equal but opposite force, -9 , must be exerted by the streamtube on the k&
Since the body is in static equilibrium, the total axial force actiny on the su
face of the body must be zero:

A4 Sl S4
-qp+fA pda-[  ms+ [ ms-p_ (A -a)-p (AL -A)+H

1 S, Sy

Simultaneous solution of the above two equations eliminates the force @, giv

A A 3 s
1 4 1 4
my +myV, -p A+ [ pdarpa,+ [ " pda- rds + |
A, AR s, s,

-pc(»\4 -A s’)‘ - ps(As - An) +H=0
Substitution of the definitions on pp. 8 and 9 into this equation gives Equation
In the derivation above, dA and dS are the normal and streamwise incre:

of the captures streamtube inlet surface area and r and p are scalar quantities
The limits of integration for the axial shear loads are used in the sense that
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Sl > S2 and S 4 > S2 . These awkward definitions could have been avoided if

linear coordinates or vector notation had been used but at some sacrifice of
clarity in displaying the forces involved.

It appears that the skin friction force between the stagnation line and
the leading edge of the inlet contributes to the engine thrust. It is not recom-
mended, however, that this surface be roughened to decrease the installation
drag. The resulting increase in boundary layer displacement thickness would
cause a net decrease in the actual lip force, TL'
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Figure 4. Direct-Connect Test of Demonstrator Engine

Figure 6. 'Turbofan Exhaust Nozzle Model in Static Test Stand
183



Figure 7. Wind Tunnel Test of Inlet Model
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Figure 8. Wind Tunnel Test of Blown Nacelle Model

Figure 9. Turbofan Exhaust Nozzle Model in Transonic Wind Tunnel
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Figure 12. Powered Nacelle Mcdel in Transonic Wind Tunnel
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FORCE MEASUREMENT OF AFTERBODY INTERACTION DRAG
AT TRANSONIC AND SUPERSONIC MACH NUMBERS
WITH PROPULSION EXIT PARAMETERS SIMULATED

P. L. Lemoine, Wind Tunnels Group

North American Rockwell Corporation Los Angeles Division

ABSTRACT

Wind tunnel tests were conducted to measure the drag arising from
the interaction of the jet exhaust and external flow fields on an air
vehicle afterbody. The model used was designed to simulate the complete
air vehicle with various jet exit configurations and propulsion exit
parameters. The model contained four exits to provide cold air simula-
tion of the air vehicle propulsion units with a metric afterbody shell ¢
to measure the interaction drag of various nozzle shapes. The forces
were measured by a six-component internal balance located in the forward
fuselage section, and an additional normal force member at the after-
body. Pressure distributions over the mcdel afterbody and nozzle
shrouds and model internal chamber pressures and flow pararmeters were
measured concurrently with the force data. The model was calibrated
statically and tested in North American Rockwell's Trisonic Wind Turnel
statically and through the mach number range fromM = 0.60 to 2.0. The
purpose of this paper is to present the model design and test techniques

employed.
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INTRODUCTION

The accurate estimation of air vehicle flight performance requires
experimental data on all components of the vehicle. One of the major
components is the vehicle afterbody configuration, including the instal-

led propulsion unit exit nozzles throughout the jet exhaust exit area
range.

A test program was recently undertaken at North American Rockwell
Corporation to experimentally investigate the effects on the afterbody
forces of the interacting external and jet exhaust plume flow fields
generated by instailed propulsion units through a range of vehicle oper-
ating flight conditions. The objective of this program was to obtain
these forces with the jet exit flow simulated as an increment from a
reference (no-flow) model.

This progrem required obtaining wind tunnel test data on the after-
body of a scaled representation of a typical air vehicle with exhaust
nozzle exit conditions simulated. The entire vehicle must be simulated
to duplicate the flow field approaching the afterbody and be tested
throughout the mach number range from M = 0.6 to 2.0 and angle-of-
attack range from @ = 0° to 12°., To obtain far-field and near-field
effects, four nozzles were required to simulate exit propulsion units;
one pair of plug nozzles and ore pair of convergent-divergent (C-D)
nozzles. Measurements of forces acting on the external surfaces of the

~afterbody were required to determine the force change with jet flow on
and off. Pressure distributions over the afterbody were needed to
diagnoze and substantiate the measured force data. Because interaction
drag is critical to the exit of the nozzle, the model was required to
maintain scaled dimensions at the exit plane. To assist the analysis of
the data, visualization of the jet plume flow was obtained at each test
point.
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MODEL TECHNIQUES

The model tested was a scaled representation of a variable sweep
fighter type air vehicle design. The wing was simulated in the swept
forward (30° LE) and swept aft (70° LE) to simulate real conditions of
the approaching flow field. The model contained two pair of simulated
propulsion system exit nozzles. One pair of ping nozzles, designed to
obtain far field and near field effects, extended from the side of the
lower fuselage just aft of the wing trailing edge. The other pair of
nozzles, located at the base of the model, was designed to simulate
convergent-divergent (C-D) nozzle exits.

The jet exit plume was simulated using ambient temperature air.
Controlled air flow was conducted to two plenums, in tandem arrangement,
through the model support strut. The strut entered the top of the
fuselage so that it could be faired to simulate the vertical tail trail-
ing edge, and thereby minimize the effect of its wake on the afterbody.
The strut was swept forward to place the model such that it would not
be struck by the shock emanating from the flowthrough sting at
M = 1.25 (figure 1). The forward plenum supplied the two-plug nozzle
exits and the aft plenum supplied the two C-D nozzle exits (figure 2).
Pressure-drop plates were provided at the plenum exit to maintain a low
mach- number in the small size plenum.

The model afterbody, aft of the wing trailing edge, was built as a
metric shell around the flow nozzle plumbing (figure 3), and included
the C-D nozzle shrouds to the base of the model as well as a small seg-
ment of the C-D nozzle intermal lines. The metric shell also included
the horizontal tails. The presence of a vertical tail was simulated
by a nonmetric fairing added to the model flowthrough strut, that
extended from the strut maximum thickness to the tail trailing edge
line (figure 4).

The purpose of the test was to determine the effect of the simu-
lated jet exit flow on the air vehicle forces; therefore, the nozzle
shrouds were built as a shell free of the nonmetric nozzles. A sharp
trailing edge at the exit station of the nozzles was considered desir-
able to properly simulate the full scale geometry and produce corres-
ponding model scale effects of the interacting internal jet and exter-
nal flow fields. To maintain this trailing edge and measure the inter-
action forces, the C-D nozzles were constructed so that the separation
between the nonmetric nozzle and the metric shroud was located inter-
nally in the aft section of the nozzle (figure 5). Inflatable seals were
installed in the chamber between the metric shroud and nonmetric nozzle
to prevent secondary flow from being induced through the vents in the
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model shell by large pressure variations generated by both the internal
and external flow fields. The resulting dead chamber corrections, to
the data, are accurately determined. These seals were attached to each
of the nonmetric nozzle flow tubes at an area of constant cross-section.
The separation line between the metric and nommetric plug nozzle shroud
(figure 6) was located on the external shroud forward of the nozzle
exit. A seal was not installed at this break because the split was not
exposed to nozzle flow fields. Figure 7 illustrates the metric and
nonmetric arrangemert of these nozzles,

Interchangeable C-D nozzles and shrouds were constructed so that
nozzle configurations having exit area (Ag) to nozzle cross-section
area (Am) of 0.15 to 1.0 (corresponding to variation of the aft boattail
angle from 0° to 13.5°) could be tested. The reference configuration
for these tests was a nommetric conical extension of the boattail angle
at Ag/A, = 0.50. Figure 8 shows the nozzles tested and the conical
fairings which were mounted to the nonmetric nozzle tube. One of these
was used as a jet-off refererce configuration.

FORCE INSTRUMENTATION

. The model afterbody forces were measured by a six-component task

" corporation force balance, located in the forward fuselage ahead of the

model flow plenmuns, and a normal force flexure N3 at the afterbody
(figure 3). A load carrying sting was required to extend from the
balance to the afterbody, free of the nommetric model parts, to trans-

mit the afterbodv forces to the balance. The additional normal force
measuring support (N3), flexured to free the body in chord force and
side force, was provided tc support the afterbody and was located at
the approximate center of pressure of the afterbody. This support was
required because the deflections under load would have been excessive
and the accuracy of measurement would have suffered because of the large
load transfer distance involved. The metric afterbody and load carry-
ing sting arrangement is pictured in figure 9, with the nonmetric

- plumbing.

PRESSURE INSTRUMENTATION

The model was instrumented with 90 pressure taps to establish the
wzzle flow parametrs, determine the intermal model chamber pressures,
and the pressure distribution over the model aftevbody. Each exit
nozzle approach pipe contained a calibrated flow meter section to deter-
mine the weight flow split between the nozzles being fed by a common
plemum. Exit total pressure was measured in each flow tube ahead of the
nozzle throat. Static pressure taps were located internally as close
to the exit of each nozzle as possible to determine nozzle exit static
pressures.
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Internal model cavities and model split areas were instrumented
with pressure taps to determine corrections to the force data resulting
from cavity and sting, area variations, and base area at the model
split locations. The afterbody and nozzle shrouds were instrumented
externally to permit determination of chord force by integration of the
pressure distribution over the body shell. The 59 static pressure taps
on the body shell were required to bridge the metric and nonmetric
parts of the model with no restriction to the force measurements.

CALTBRATIONS

The model assembled on the strut was calibrated to determine the
installed slopes of each force element and their interaction as well as
the interference of the seal and pressure tube installation. The cali-
bration also served as a model function checkout under load. The
calibration was conducted by loading all force ccmponents with all pres-
sure leads comnected in the model. The model was first loaded in chord
force with and without the 59 flexible pressure leads that bridge the
metric and nonmetric model parts. The resulting slopes were compared
with the balance-alone calibration, to ascertain that no interferernce
was derived from the pressure tube installation. Comparison of calibra-
tions revealed that without pressure tubes connected, chord force slopes
obtained before and after installing the balance compared within 0.1
percent, thus proving that the third normal force member had no inter-
ference effect on chord force measurement. Secondly, the comparison
with the pressure-tubes-installed-slope was within 1 percent, thereby
proving that the pressure instrumentaticn caused essentially no signi-
ficant interference with the force measurement.

Additional calibrations were required to determine the effect of
the inflated seal and the effect of differential pressure across the
seal on chord force and normal force.

The model was loaded along the axis of the balance chord force
with various pressures applied to the seal. The chord force slope was
determined at each seal pressure and the variation due to seal pressure
determined. TFigure 10 shows that the slope variation with seal pres-
sure is less than 1 percent cver the range from Psea] = 8 psig to
30 psig, although a slightly larger effect occurs when the seal is
initially inflated.

The seal effect on normal force was investigated with constant
normal loads applied at the third normal force location. The results
(figure 11) show that once the seal is inflated, the seal pressure

effect is negligible.
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To determine the interaction on the metric body due to a pressure
difference across the seal, the C-D nozzle shroud chamber was pressurized
with the seal inflated at constant pressure (figure 12). With increas-
ing seal pressure, a given AP across the seal transmits more force to
the balance. Therefore, the test was conducted with the minimum seal
pressure applied to adequately support the seal, minimizing the result-
ing restriction.

DATA REDUCTION

The measured afterbody forces Cy, Cp, and CC were resolved at the
air vehicle reference center located at the 25 percent wing MAC, swept
forward, station at the intersection of the convergent-divergent nozzle
centerline. These data were reduced from the balance chord force (C),
and balance forces (N; and N;), and the Nz load gage using the complete
model calibration slopes and interactions. These data were corrected
for the pressure forces acting on the internal parts of the afterbody,
balance cavity, and along the load-carrying sting. The data was also
corrected for the pressure area force acting on the segment of the iiter-
nal convergent-divergent nozzle aft of the split line. The force derived
from pressure acting on the ncnmetric external plug nozzle shroud was
added to the force data so all external forces are accounted for.

Afterbody chord force, exclusive of the horizontal tail, was also
derived from integration of the pressure data obtained from the external
model pressures. '

=5¢

C » = pX - Fo
C
(pressure)

>
G
e*)

e|z

x=1

To use the same program, for tests or calibrations with and without
external flow, the static data force was reduced to coefficient form
using a q of 1,000 psf and a static pressure of P ambient

C
Cc T ST T,000
STATIC
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TEST PROCEDURE

FACILITY DESCRIPTION

These tests were conducted in the North American Rockwell Corporation
Trisonic Wind Tunnel (TWI). This facility is an atmospheric exhaust,
blowdown tunnel capable of operating at mach numbers from 0.1 to 3.5,
with 7 x 7-foot tandem test sections. The forward test section with solid
walls was used for the supersonic test at mach numbers of 1.7 and 2.0.

The transonic tests from mach numbers of 0.6 through 1.25 were conducted
in the 19.7 percent perforated walls.

Two auxiliary systems at the TWT were developed to conduct these
tests. One was the auxiliary air system which provides 350 psi, 13 pounds
per second air{low, through three independently controlled flow streams
to the model. The air system controller, built at the TWT, steps the
airflow rate of each system as programed at a preselected interval and
controls the flow on system total pressure. Flow step and stabilized

" flow control is accomplished in 1-1/2 seconds. Two of the air streams
were utilized by this test program and five test points per flow were
obtained. :

The other new system was a shadowgraph system of 14- x 18-inch for-
mat which provided pictures at the rate of one every 2 seconds. This
system was used to provide visualization of the nozzle exit plumes at
each test point in the transonic test section. This system is automatic
and is integrated into the TWT tunnel control system so that the light
source is fired concurrently with each data point.

TEST TECHNIQUE

The model was installed in the tunnel on a flow-through sting
attached to the tunnel pitch sector (figures 1 and 13). The two indepen-
dent air streams (plug nozzle and convergent-divergent), controlled by the
auxiliary air system, were conducted to the model-sting assembly through
two flexible hoses to allow for pitching the sector. Total pressure
probes were installed in the flexible line at the connection to the
sting. The total pressure measured here was used as the control point
for the auxiliary air system nozzle flow.

The air system controllers were set up prior to each run to control

each of the desired exit nozzle pressures for that run. The nozzle exit
flow was established for the first data point prior to initiation of the
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tunnel flow. The model pressures were allowed 3 seconds to stabilize
between test points and the data from two data scans were selected at
each test point for reduction. At this rate, five test points per
25-second blow were obtained whether angles of attack or nozzle pressure
ratio were variable. The convergent-divergent nozzle simulation tests
were run with the seal inflated with a preselected constant pressure.

The pressure value (14.8 psig) was required to provide an adequate barrier
against the pressures acting in the nozzle chamber during the test. This
seal pressure was applied through a reservoir to insure stabilization.

Static runs were conducied in the tunnel with no tunnel flow to
evaluate the effects of the simulated nozzle exit flow on the force
measurement. These static tests were run for each exit nozzle configur-
ation, over the range of pressure ratios limited by the air supply.

This limitation prevented the pressure ratio range, encountered at mach
numbers of M = 1,25 and above from being investigated statically.

RESULTS

From the static runs, the interference on the measured chord force
caused by the exit nozzle flow was determined (figures 14 and 15).
Since the force data is corrected for internal forces, and no resulting
chord force from the afterbody pressure integration existed, the resuit-
ing data are forces acting on the metric parts which are not accounted
for by the internal pressure instrumentation. From figure 14 it can be
seen that practically no interference occurs when the {externally split)
plug nozzle alone is run. However, the data from the internally split
convergent-divergent (figures 14 and 15} show a large interference which
varies with nozzle pressure ratic and different among the various )
configurations.

The quality of the test and the reliability of the data obtained is
judged in part by the repeatability of that data. Figures 16 through 20
show good repeatability of data were obtained during the test for both
balance measured forces and pressure integrated force. Normal force,
pitching moment, and chord force repeatability are shown for one of the
reference model configurations (no exit flow) through a range of angle
of attack (figures 16 and 17). Figures 18 through 20 present chord force
repeatability at three of the mach numbers tested with varying convergent-
divergent nozzle pressure ratio. Repeatability of two comparable
convergent-divergent nozzle runs are shown in figure 18. The plug nozzle
flow for each run was different, but from other data it has been deter-
mined that the difference is negligible in data between the two plug
nozzle pressure ratios.
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Figure 20 illustrates the repeatability of the chord forze obtained
from the balance data. This data is corrected for the effects of the
inflatable seal. The difference between the balance and the force data
illustrates the magnitude of forces acting inside the metric shell. The
variation of this difference with pressure ratio is caused by the forces
acting internally in the convergent-aivergent nozzle shroud.

The horizontal tail was not instrumented to obtain pressure inte-
grated forces. Because of this and other differences, direct comparison
of the measured force and pressure integrated force data could not be
made. lHowever, valid correlation of these data is pos:ible when the jet-
on data is viewed in relation to the jet-off data of the reference
configuration. Figures 21 to 26 show these comparisons at mach numbers
0.85, 1.27, and 1.7 for two of the conve-gent-divergent nozzle configura-
tions tested. The force data is shown with and without the corrections,
resulting from the static tests, applied. The magnitude of this correc-
tion can Le seen here. The differences in the variation of the jet-on
data from the reference data between the corrected force and pressure
data are observed greatest below a pressure ratio of 3 and S5 for the
Ag/Ay of 0.3 to 0.5 respectively. Below these pressure ratios the inter-
nal nozzle fiow is separated. Therefore, it is diagnosed that when the
internal nozzle flow is separated, the data from these convergent-
divergent nozzle configurations could not be adequately corrected. The
normal force and pitching moment showed none of these effects.

The increment from the reference configuration to the jet-on con-
figurations was determined from figures 21 through 26 and is presented
in figures 27 and 28 for the fully expanded unseparated nozzle flow
data. This data is presented as AC- and was determined by

ac =C - C

C Crrow conrig ©

REFERENCE CONFIG

This data shows that the force data obtained (measured and pressure
integrated) are in agreement for these conditions. Agreement was
obtained from all the plug nozzle alone data (not shown). Therefore,
with the exception of many of the internally split nozzle configurations,
the model and test techniques used to measure the forces on the after-
body resulting from the interaction of the nozzle internal and external
flow fields were reliable.
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CONCLUSION

Measurements of incremental afterbody interaction forces, resulting
from the simulated propulsion exit nozzle parameters, were obtained by
force and pressure instrumentation concurrently on a scaled model of the
entire air vehicle. The force instrumentation measured 1ift, drag, and
pitching moment throughout the angle-of-attack range tested, while the
pressure data provided only body axis chord force. The incremental chord
force derived during these tests from the two methods compared well for
all plug nozzle alone tests but only for a few C-D nozzle configurations.

These forces were measured on a metric shell afterbody in the
presence of exit flow simulation. Direct force measurement of the exter-
nal afterbody forces was achieved by the unusual’ arrangement of a six-
component force balance in the forebody, with the addition of a gaged
normal force member supporting the afterbody normal force. An inflatable
seal was used to separate the vented afterbody cavity and convergent-
divergent nozzle shroud cavity. Successful calibrations of the assembled
model were made and the interaction of the seal was determ1ned and
applied.

The internal break of the convergent-divergent nozzles resulted in
undesirable interferences, that were caused by the internal nozzle flow
field, and uncorrectable by standard methods. Static tests *hroughout
the simulated pressure ratio range were recuired to determine theze
extraneous forces. However, because of the limitaticns of the air supply,
the high pressure ratios attained in supersonic tests could not be

calibrated statically, The resulting test data couid not aiways be
adequately corrected.

When the nozzle flow was separated internally, the force and pressure
derived chord force did not correlate favorably. However, favorable
agreement on some of the larger exit nozzles was obtained when the inter-
nal flow was fully expanded. In more recent tests, externally split
convergent-divergent nozzles were tested and the results appear to be
excellent,

The pressure data proved valuable to validating the force data and
was useful in diagnosing problem areas.

Complete sealing of the afterbody split is recommended for future
tests and the chambers vented to freestream static pressure. This, and
externally split nozzle arrangements will alleviate these large correc-
tions to the balance data.
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NOMENCLATURE

= Wing area

= Forward balance normal force, 1b

= Aft balance normal force, 1b

= Normal force measured by the force member in the afterbody, 1b
= Balance chord force

= Differential pressure across seal between afterbody metric
shell and nonmetric nozzle components, psid

Ratio of nozzle tctal pressure to freestream static pressure
= Model angle of attack

= Normal force coefficient = normal force/q S,

= Chord force coefficient = chord force/q §,

= Pitching moment coefficient = pitching moment/q S, ¢
= Freestream dynamic pressure, psf

= Mean aerodynamic chord of wingi

= Mean aerodynamic chord of wing

= Nozzle exit area, £r2

= Nozzle cross-sectional area, ft2

= Freestream mach number

= Weighted area for each surface pressure orifice, ft2
= Tunnel freestream static pressure, psfa

= Individual model measured static pressure, psfa

= Nozzle total pressure, psfa

= Pressure coefficient
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Subscripts

C-D Convergent-divergent nozzle

Plug Plug nozzle
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Figure 1. Model Installation
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Three-Ouarters Rear View of Model Showing Strut Mount and Vertical Tail Fairing

Ficure 4.
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Figure 7. Closeup of Model Showing Metric Afterbody Split and Internal Nozzle Split
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Figure 8. Metric Afterbody With Nozzels, Shrouds Tested
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Figure 13.

Installation. Reference Configuration
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IWIN-JET ATRCRAFT AFT-FUSELAGE PERFORMANCE PREDICTION

Craig E. Swavely

Pratt & Whitney Aircraft Florida Research and Development Center

ABSTRACT

Accurate determination of aircraft drag and performance is required
to aid in the design and performance evaluation of mixed-mission aircraft,
No generalized technique for the prediction cf aft-end performance of
fuselage~mounted twin-jet aircraft is available, Because of the large
drag losses asscciated with the high subsonic-transonic flight regime,
and the inadequacy of purely theoretical methods in this region, a test
program was initiated to provide a matrix of experimental data for twin-
jet installations. The important test variables affecting aft-end
performance were selected to provide a parametric variation in the model
program. The data obtained from the test progrem were reduced to model
force coefficient and drag coefficient, and were correlated in several
ways, Typical fuselage aft-end performance trends with the various
- geometric variablies, as well as free-stream mach number and nozzle pressure
ratio are presented and discussed in carpet plot form. An empirical correlation
was made to permit extension of the data to' a gemeralized performance
prediction system for fuselage aft ends, A compariscn of the results of
this technique with data from several different sources is presented. A
~discussion of the limitations of the prediction method, and suggestions for
additional work is also presented.
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I. INTRODUCTION

A large portion (25 to 30%) of the twin-jet fighter aircraft drag
in the transonic region can be attributed to the aircraft aft-end and
exhaust nozzle. Unfavorable nozzle/aircraft interactions have been largely
ignored in the past, with subsequent deficiencies in aircraft range and
performance. Consequently, methods of accurately determining airframe
aft-end performance are required to provide initial performance estimates
and design information. :

Full airplane/nozzle wind tunnel model tests can be conducted to
determine the aft-end performance of a particular configuration. Hcwever,
a wide range of configurations must initially be investigated to establish
the preliminary design., Several analytical methods (such as linearized
theory for bodies of revolution) are currently available to give insight
into airframe aft-end performance. However, purely theoretically methods
are limited, particularly in the high subsonic-transonic region, and no
general performance prediction technique has been available.

A wind tunnel test program was conducted to fulfill the need for a
performance prediction system, and to provide a matrix of experimental
data for twin-jet installations. The important test variables affecting
aft-end performance were selected to provide a parametric variation of
test variables. The experimental program and correlation of the results
is the subject of this paper. Comparison of the results of the prediction
technique with data from several different sources is also preseuted, as
well as a discussion of the limitations of the technique and suggestions
for additional work. :
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II. TEST PROGRAM

The experimental program was set up to provide a parametric varilation
of the airframe aft-end geometric variables that appeared to significantly
affect drag. Subsequent comparisons of the test results with other aft-
end data indicate that the variables of prime importance were included in
the test matrix, The geometric variables selected for investigation were
nondimensionalized with the afterbody maximum cross sectional area (Ap,y)
or the diameter of the circle of equivalent area (Dg,). The afterbody
test variables, shown in figure 1, are: longitudinal spacing ratio = L/D
lateral spacing ratio = S/Dy,, projected area ratio = A, /Apay, area dis-
tribution = 1lst, 2nd, and Ath degree,

q’

AE

Stub Fins

/Simple Area
Distribution-

Test Variables
T . N
Longitudinal Spacing Ratio Deq

Lateral Spacing Ratio --b—s.-a-

AE

Projected Area Raiio —

mox
Arsa [}istribuﬁon - 153, 2nd and

Deq =F§«:ncx - : Mh Degiee
w Exiernal Mach Number — Ma

Jot Pressure Ratio — Pr

FIGURE 1. AIRFRAME AFT-END TEST VARIABLES, Important Test Variables

that Affect Airframe Aft-End Performance Were Parametrically Varied.
GS 11298

The aerodynamic variables that were investigated are external Mach
number (M) and jet pressure ratio (Pr). Only convergent nozzles were
tested to reduce the number .of test variables since it seemed that the
afterbody/nozzle drag could be correlated as a function of the jet wake
characteristics. All tests were run at zero angle of attack,

The range of variables tested is shown in table I, and includes most
current airframe designs. The external Mach number variation was limited
to the high subsonic~transonic range where drag losses are large. Also
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current mixed-mission aircraft have subsonic cruise requirements and exhaust
nozzle projected areas on which drag acts are large during subsonic cruise
operation, Two afterbody lateral spacings corresponding to a narrow and
wide configuration were tested as well as an equivalent body of revolution
corresponding to each area distribution. First, second, and fourth degree
area distributions from the fuselage maximum cross-sectional area to the
nozzle exit were selected to provide a systematic variation in afterbody
area progression, A symmetrical two-dimensional, or beavertail, fairing
ending at the nozzle exit was designed for each afterbody, and was included
in the area distribution. Figure 2 1is a photograph of four tvpical models
of the 32 configurations that were tested for length, spacing, projected
area, and shape varlations. A photograph of a twin-jet model and its
equivalent body of revolution is shown in figure 3. A plot of typical lst,
2nd and 4th degree area distributions that were investigated is given in
figure 4. The test matrix with possible test combinations is shown in
figure 5. The marked blocks indicate the configurations tested to provide
a maximum of parametric data with minimum cost.

TABLE 1. TEST VARIABLE RANGE GS 11297

L
= 1.32, 198, 2.64
Deq
5 =00, 067, 110
D.q
As_ - 0102, 0154, 0.206
Amax

M, = 00, 07, 09.1.2

Pr- = 15 to 80

The tests were conducted in the United Aircraft Research Laboratories
8-ft wind tunnel., The models were shaft mounted, as shown in figure 6,
with the dual-jet flows fed from a divider in the single-flcw shaft, A
nonmetric transition section from the round shaft to the racetrack shape
metric plane of the afterbody produces a windshield for the external flow.
Stub vertical and horizontal fins of equal length (and ending at the nozzle
exit plane) were tested for all configurations to include fin-afterbody
interference affects, The pressure and friction drag of the stub fins
was eliminated by using constant cross-section area tare models, The fin

drags were not included since each airframe aft end will have fins of
different sizes, The cross-sectional area of the fins is not included
in the parametric area distributions.

The test data recorded includes afterbody/nozzle thrust minus drag
forces, boundary layer characteristics at the metric plane, and static
pressure distributions for the equivalent budies of revalution. The
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data reduction computer program calculated afterbody thrust minus drag

coefficlents. convergent nozzle discharge coefficients, wind tunnel
Mach number, and nozzle pressure ratio, Integrated pressure drag coef-

ficients were obtained for the bodies of revolution.

FIGURE 2, TWIN-JET INSTALLED TESTS. 32 Parametric Configurations Were

‘."""--4' e .
FIGURE 3., EQUIVALENT BOD
Models Were Tested for Each Twin-Jet Configuration.

GS 8647A
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1.0

0.8 : \

\ \ Quadratic (2nd-Degres)
0.6 k {
Quartic (4th-Degree) \

0.4 \\\\

0.2 Linear (1st -Degree)

AFTERBCODY AREA RATIO, A/Aqox

0 0.4 0.8 1.2 1.6
NONDIMENSIONAL AXIAL DISTANCE - X/Deq

FIGURE 4. TYPICAL AFTERBODY AREA DISTRIBUTIONS. Three Afterbody Area
Distributions Were Investigated.

GS 11299
L/Deq 1.3210 Lons 2.6420
$/Dee ° 0.6713 11008 ° 0.6713 11008 o 0.6713 11008
i1
}ﬁ!:hlztlz4lzalz4lzo 2lalv|2lalr]|2je
Fh—-?‘g \ -
- N/ \
ol 3
- L
g
-
-
o
[ ]
!

0.7

]
z

A,/ Amax .07 l.ll“'l.!. l.IllI‘l.li“ll.ﬂ (A )]

MACH

FIGURE 5, TWIN-JET TEST MATRIX. Systematic Tests of the Twin-Jet

Configurations Provide a Maximum of Parametric Data with Minimum Cost.
GS 8805A
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FIGURE 6. TYPICAL MODEL TEST SETUP, Parametric Aircraft Aft-End

Configurations were Tested in the 8-ft Wind lurnel.
' GS 9493A
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III. EXPERIMENTAL CORRELATIONS

Twin-jet afterbody pressure and skin friction drag was obtained for
each configuration tested as a function of external Mach number and con-
vergent nozzle pressure ratio., The drags were nondimensionalized by
taking the difference between the measured aft end thrust minus drag
cvefficients, (T-D)/Fyp, at Mach number and at static conditions. A
drag coefficient based on afterbody maximum area (Apax) was then obtained
and plotted in carpet graph form, as shown in figure 7. These plots
include the skin friction and pressure drag of the twin-jet afterbody
only, but not the fin drag. The variation of afterbody drag coefficient
with aft-end geometry for a particular Mach number and Jet exit condition
can be observed from the carpet plots. For example, increasing longitu-
dinal spacing, L/Deq reduces afterbody drag at Mach 0.9 for a given
afterbody projected area ratio (Ae/Anax). The reverse trend is true at
Mach 0.7, as shown in figure 8, because here friction drag is predominant
and the longer spacing has a larger surface area than the short spacing.

Mach Number = 0.9
Jet Pressure Ratio, Pr = 2.5
Area Distribution - 4th Degree , ,

0.08 ‘
' Lateral Spacing Ratio, S/Deq = 0.67
0.07 |—
° L/Deq = 1.32
<
g 0.06 —Ae/
S 0.05— C
g 008 >
g
i 0.04
il
S o007
o Lateral Spacing Ratio, S/Deq = 1.
= 0.06 |~
a
o L/Deq = 1.32
Z 005
u RS “ag
<
0.04 |
0.03

FIGURE 7. AFT-END DRAG COMPARISON. The Twin-Jet Data Have Been
Correlated in Carpet Plot Form to Show the Variation of Drag Coefficient
with Aft-End Geometry, GS 11300
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Mach Number = 0.7
Jet Pressure Ratio, Pr = 2.5
Area Disiribution - 4th Degree

Lateral Spacing Ralio, S/Deq = 0.6)

AE/Amax . ‘ o
0.05}- N L/Deq = 2.64
)
)

o
o
rY
|

o°

o

w
I

0.02

o
o
o

Lateral Spacing Ratio, S/Deq = 11

o
o
7

L/Daq = 2.64

AFT-END DRAG COEFFICIENT - CD 4 nas

0.02

FIGURE 8, AFT-END DRAG COMPARISON. Increased Twin-Jet Aft-End Lateral
Spacing Can Reduce Drag Coefficient, GS 11461

The carpet plots also show that an increase in lateral spacing re-
duced drag. This occurs because the interference effects between the
twin jet boattails are reduced as spacing increases. However, the skin
friction increases because of the larger surface areas and consequently
the drag reduction is not as pronounced at Mach 0.7 as at Mach 0.9. The
effect of jet pressure ratio can be observed by a comparison of fig-
ures 7, 9, and 10, An increasing jet pressure ratio will cause the wake
to billow and pressurize the afterbody projected areas. This pressuriza-
tion can significantly reduce the twin-jet afterbody drag coefficients.

Special attention must be paid to use of the data with varying pressure
ratio. The tests were conducted with convergent nozzles, and afterbody
configurations frequently include a convergent-divergent nozzle with a
glven area ratio. A close simulation of the jet nressurization effects
can be obtained by approximating the jet wake billowing characteristics.
Duplication of the initial jet boundary flow direction givas drag coef-
ficients that show good agreement with coefficients obtained for con-
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vergent-divergent nozzles. An even better simulation may be possible

by use of a jet wake parameter that simulates the wake velocity as well
as initial-wake angle.

Mach Number = 0.9
Jet Pressure Ratio, Pr = 4.0

Area Distribution- 4th Degree

0.07 — e e R e s et ety
l Lateral Spacing Ratio, $/Deq = 0.67
0.06 /o.q = 1.32
o v
E
o 0.05AE/Ama
(9]
"i 0.04}
—
b4
& 0.03
o
8 0.06
o Lateral Spacing Ratio, 5/ Deq = 11
=
g 0.05 L/Deq = 1.32
e
So.04fF
Y AE/ Ao\
L ¢
Q.03 g
0.02

FIGURE 9. AFT-END DRAG COMPARISON. Increased Jet Pressure Ratio
Reduces Aft-End Drag Conefficient. GS 11460
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Mach Number = 0.9 I
Jot Pressure Ratio, Pr = 6.0
Area Distribution - 4th Degree

Loteral Spacing Ratio, $/Deq = 0.67

L/deq =132

o
o
Y
i

AE/A

g

o

@
I

~

o ©
o o
(%]

Lateral Spacing Ratio, $/Deq = 11

AFT-END DRAG COEFFICIENT - CD 4 ...
o
o
-

0.0

FIGURE 10. AFT-END DRAG COMPARISON. Inc¢reased Jet FPrassure Ratic
Reduces Aft-End Drag Coefficient, GS 11462

Equivalent bodies of revolution for each twin-jet configuration were
tested with the hope of gaining a drag correlation between the two. If
such a correlation could be obtained, twin~jet drag estimates could be easily
accomplished because methods for analytical prediction of body of revolu-
tion pressure distributions are weli known. Typical body of revolution
pressure drags compared with twin-jet pressure drags are shown in figure 11.
The pressure drags were obtained by integration of static pressures over
the EBOR (equivalent body of revolution), while twin-jet pressure drags
were obtained by subtracting the skin friction drag of an equal surface
area tare model with no projected area, At subsonic speeds, the body of
revolution drags are much lower than the twin-jzt drag, indicating th.t
a recompression 1s occuring on the EBOR. The larger twin-jet drags indicute
that significant interference effects are present between the two nozzles.
As previously noted, these drags are reduced as the spacing between the
nozzles increases. At supersonic speeds the agreement between the twin-jet
and EBOR is much better, indicating that the drag is primarily a function
of the area distribution and the amount of turning the flow must undergo.
No general correlation of EBOR and twin-jet drags has been developed from
this study, but it merits continued investigationm.
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Mach Number = 0.9
Jot Pressure Ratio, Pr = 2.5
Pressure Drag Only

Equivalent Body of Revolution

0.03

o
(=4
)
1

L/Deq = 1.32

0.0

AFT-END DRAG COEFFICIENT - CD‘_“

-0.01
0.04
Narrow Spaced Twin-Jet
0.03} L/Deq = 1.32
AE/A max
0.02} :
o
.0

FIGURE il. AFT-END DRAG COMPARISON, Twin-Jet Drags are Larger Than
an Equivalent Body of Revolution Because of Interference Effects,
GS 11492

The body of revolution drags can also be used as indication of the
drag limits obtainable for twin-jet bodies of very large spacings (isolated
nacelles) by evaluating the drag of a body of one-half the projected area
(figure 12). The comparison is made ca the basis of pressure drag only
to give insight into the magnitude of interference effects of two nacelles
without the influence of skin friction forces, since the skin friction
would increase as surface area increases.
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Mach Number = 1.2
Jet Pressure Ratio, Pr = 4.0
Pressure Drag Only

ol LTS
o

0.18

0.26

NG

/

AN

0.14

AFT-END PRESSURE
DRAG COEFFICENT, C,

!
)
t
I
i
i
|
1
1
|
|
)
!
T
}
i
I
|

m————pe——— e ——-

el

01 t
%57 o4 06; 08 10,12 14 16 18 20

Equivalent Narrow Wide isolated
Body Twin Twin : Nacslle

LATERAL SPACING RATIO, S/deq

FIGURE 12, AFTERBODY DRAG COEFFICIENT VARIES WITH LATERAL SPACING

RATIO. Equiva'ent Body Drags Give an Indication of Jet Interference
Effects. GS 11463

Presentation of the data in carpet plot form illustrates wany useful
data trends, and interpolation between the geometric parameters can give
close approximations to the drags of actual twin-jet bodies.  However,
it is very difficult to interpolate for one very important geonettlc
parameter: aft-end area distribution. Pressure drag is significantly
affected by area distribution, especially in the transonic range, as
shown in figure 13 and actual airframe aft-end configurations, in general,
will not match any of the three area distributions tested. Consequently,
some sort of correlating parameter was needed to permit generalized predictions
and interpolation of the data., From area rule considerations, this drag
correlating parameter, or 'shape factor," should be related to the rate
of progression of afterbody area.

-
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FIGURE 13. AFT-END DRAG COMPARISON. Twin-Jet Aft-End Area Distribution
Significantly Affects Drag Coefficient. GS 11484

"Calculation of a shape factor for each twin jet body, and its drag
coefficient based on the projected area over which drag acts, showed
good correlation (figure 14). Some scatter of the data about a mean
line is ovident, indicating that the shape factor accounts only for
first order effects of geometry on drag. Some degree of theoretical
basis for the shape factor can be found from linearized slender body
theory, which also accounts only for first order effects. However, the
correlation has proved accurate enough for initial drag estimates.
Particularly, it is useful for investigation of incremental effects, as
will be discussed later. A complete set of correlations with different
curves for each Mach number, nozzle pressure ratio, and lateral spacing
ratio was generated to provide a generalized prediction for afterbody
drag coefficient.

All of the drag correlations for the various geometrics and flow condi-

tions have the general shapes as shown in figure 14. The curves appear to
become asymptotic to some value of drag coefficient as the shape factor
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gets large. This indicates that a base region or separated flow condition
is being approached at large values of shape factor. Comparisons of

the data with theoretical base pressure calculations are currently

being investigated. It should be remembered that the data correlations
were generated for smoothly contoured twin-jet afterbodies with no sharp
corners or vertical base areas, no side blockage due to tail booms or
vertical control surfaces, and apply only to that type of configuration.
Corrections for these effects are being investigated.. However, the con-
figurations tested are representative of the low drag installations
required for today's high performance aircraft.

Mach Number = 0.9
Jet Pressure Ratio,Pr = 2.5
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FIGURE 14, SHAPE FACTOR CORRELATION, Drag Coefficient Shows Correlation
with Twin-Jet Afterbody Shape Factor. GS 9492B
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IV. APPLICATION OF PREDICTION TECHNIQUE

The shape factor correlations were compared with wind tunnel model
test data for several airframe aft-end configurations to verify the
prediction technique. A shape factor was calculated for the area distribution
of the metric section only, for each configuration investigated. This
permitted determination of the aft-end drag coefficient exclusive of fin
pressure and friction drag, but including fin interference effects on
the afterbody. If fin drag is to be included in the comparison, theoretical
calculations of the pressure and skin friction drags must be made. Since
most control surfaces are symmetrical and of small thickness ratio, the
pressure drag may be calculated using shock-expansion theory at supersonic
Mach numbers, and ignored at subsonic Mach numbers. Skin friction drags
may be obtained using the fin wetted area and standard calculations for
the friction drag coefficient as a function of Reynolds number. When the
measured data include the thrust of a convergent or convergent-divergent
exhaust nozzle, the nozzle static thrust coefficient must be known or cal-
culated to complete the comparison.

Figure 15, shows a typical comparison of predicted and measured aft-end
thrust minus drag coefficients for 2 narrow-spaced configuration with a
beavertail interfaring and convergent nozzles. Agreement within 1 1/2%
was obtained over the pressure ratio range of interest., Because of the
proprietary nature of saveral of the configurations, a summary of the
predicted versus measured thrust minus drag coefficients is presented in
figure lé., These comparisons include checks for lateral spacing and
convergent-divergent exhaust nozzles over a wide range of nozzle pressure
ratio and external Mach numbers from 0.0 to 1.2,

The airframe aft-end performance predictions can be utilized to obtain
overall airframe thrust minus drag performance in much the same way as the
actual wind tunnel results are applied. That is, the aft-end performaace
may be referenced tc an aero model aft-end drag or other convenient
rcference such as the draz of an equivalent body of revolution.

That is:

(T - D)

“aircraft = Tstatic - D-4D

where:

Tstatic = static net thrust
D = measured or predicted drag (including inlet drag) of the
aircraft, but with a reference aft end.

AD = D -
predicted ~ Dreference

aft end aft end

Application of the prediction technique using this type of thrust
minus drag accounting system has pointed up a problem in the consistent
comparison of aft-end performance. That is, unless all aft-end performance
is predicted using a common set of ground rules such as length of the after-
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body, all fins metric or non-metric etc, consistent comparisons cannot be
made. A set of standards for back-end performance comparisons remains to

be developed.
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FIGURE 15, PREDICTION SYSTEM VERIFIED. Predicted Aft-End Thrust Minus
Drag Coefficient Agrees with Test Data. GS 9491A

Note that all comparisons were made with configurations of similar
design to the test models on which the prediction system was based.
That is, the drag of configurations with large base areas, tail booms
or other surfaces that block recompression on the afterbody could not
be accurately predicted. The prediction system will be modified to
account for these effects as data become available. Other limitations,
such as boundary layer thickness, must also be considered and are discussed
in the following section.

However, the prediction system has a more useful application where
these limitations are not as restricting, that is, the prediction of
incremental performance trends for various afterbody configuration
changes. This capability can serve as a very useful preliminary design
tool to narrow the selection of airframe/nozzle aft-end configurations
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to be tested or studied. Thus, while the absolute performance levels
may not always be accurate, the performance trends can be identified.
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FIGURE 16. VERIFICATION OF PREDICTION SYSTEM. Comparison of Predicted
and Measured Aft-End Thrust Minus Drag Shows Good Agreement,
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V. LIMITATIONS OF PREDICTION TECHNIQUE

Since the prediction technique described here is based upon experi-
mental correlations, certain restrictions or limitations inherent in the
test method must be considered. As previously mentioned, all tests were
conducted with convergent nozzles only, and a method for extending the
data to simple convergent-divergent nozzles was suggested. At present,
the results appear valid only for these nozzle types, and are not appli-
cable to plugs or blow-in door ejectors. This can be rationalized irom
the fact that the aft-end pressure distributions are a function of the
jet wake characteristics, and the jet contours are significantly different
for plug or blow-in door nozzles for the same jet pressure ratio.

Another important limitation to be considered is that no tail booms
or vertical control surfaces that block flow recompression on the outboard
sides of the aft-end,as shown in figure 17, were included in the test matrix.
That is, the tests apply onlv to twin jet configurations where physical sur-
faces do not cross the streamline planes., However, the data correlations
can be applied to certain aft-end configurations which do have tail booms
or control surfaces. Consider the pressure distribution and flow recom-
pression on the aft-end of a body of revolution. The recompression is
caused by curvature of the streamlines to maintain a flow tube of approxi-
mately constant cross-sectional area as the axisymmetric boattail area is
reduced. The streamlines are essentially displaced along radial lines
from the center of the body and move in radial planes. Now, take a twin-
jet configuration having the same area distribution as the body of revolu-
tion. Flow recompression between the twin-jets is locally blocked by the
adjacent surfaces, and drag is significantly increased. This is an indica-
tion of the magnitude of twin-jet interference effects. If physical sur-
faces are now placed along the planes in which the streamlines normally
move (figure 18) then blockage does not occur and the only additional
drage to be accounted for are pressure and skin friction drags for the
surfaces themselves, Corner flow effects due to the junction of the
three stub fin surfaces and the afterbody are included in the test re-
sults, and are relatively small compared to drag caused by flow blockage.
Another factor previously mentioned is that the twin-jet configurations
tested were all smoothly contoured bodies with no sharp corners or base
areas. Mechods to handle base areas are currently being investigated.
For example, the asymptote of the shape factor correlation could be used
to give a value of drag coefficient for the base area. This base drag
coefficient could then be area-weighed with the drag coefficients obtained
for the rest of the body by the usual method to give a final value. This
technique requires further investigation,.

Two limitations related to the particular test technique used should
also be mentioned. Since the models were mounted on a shaft extending
from .the wind tunnel plenum chamber to the test section, a relatively
large boundary layer exists at the metric station. The ratio of boun-
dary layer displacement thickness divided by equivalent diameter at the
metric section varies from 0.020 to 0.025 on the top to approximately
0.030 on the side of the shaft transition section. Consequently, the
data and results presented in this paper are valid for these boundary
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layers only. Other investigations have shown that a reduction of
boundary layer thickness increased drag for bodies of revolution. How-
ever, boundary layer effect on twin-jet drag has yet to be determined.
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FIGURE 17, PHYSICAL SURFACES CROSSING STREAMLINE PLANES BLOCK
RECOMPRESSION. Tail Booms or Control Surfaces that Cross the Streamline

Planes Can Block Flow Recompression on Twin-Jet Bodies. GS 11485
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Finally, the effect of the forebody shape upstream of the metric
section on aft-end performance has not been resolved. Analytical studies
have indicated only small differences in boattail pressure distributions,
and consequently boattail drag, for upstream geometry variations on
bodies of revolution, as indicated in figure 19. Also, twin-jet tests
of actual aircraft configurations with wings removed showed only small
differences (1/2 to 1%) in aft-end drag coefficients. In general, drags
increased when the wing sections were removed, indicating that the
results presented in this paper would produce conservative drag predictions.

All of the restrictions and limitations indicated in this study
suggest areas for additional work, Some investigations in these areas
have been accomplished for particular installations, but no comprehensive
parametric studies have been conducted that would permit systematic
correlation of the results. To provide general data for wide application,
future research programs should be as parametric as possible.
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VI. SUMMARY

A generalized technique for the prediction of airframe aft-end per-
formance has been generated from a correlation of experimental twin-jet
data. The correlations provide (1) an insight into performance trends
due to the important aft-end geometric variables such as lateral and
longitudinal spacing, projected area, and area distribution, and (2) per-
formance estimates for specific aft-end configurations. However, certain
limitations are inherent in the test methods, and the range of geometry
investigated. These restrictions suggest additional areas of investi-
gation where further work should be undertaken to aid in the design and
per formance evaluation of current and future mixed-missjon aircraft.
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EXHAUST NOZZLE-AFTBODY INTEGRATION ON TACTICAL FIGHTER TYPE AIRCRAFT

John L. Benson ard Edsel R, Glasgow
Lockheed-California Company

ABSTRACT

An experimental research program is described which exsmined the
effects of engire exhaust nozzle spacing and aftbody geometry on the
installed nozzle performance of a twin engine tactical fighter type
aircraft. The basic objectives of the study were (1) to determine
whether there 1s an optimm nozzle spacing ratio, and (2) to examine
the effect of aftbody geametric parameters on nozzle performance. Two
types of nozzles were considered in this study: a conical plug nozzle
type and a simple convergent-divergent nozzle., Scale models of the
nozzle and afibody were tested over a range of pressure ratios from
Mach = .80 to Mach = 1.20. The nozzles were pylon-supported and could
;b; :e?aﬁtgdoto obtain nozzle centerline-to-centerline spacing ratiocs

INTRODUCTION

Tactical fighter alrcraft are currently being designed for higher
Raneuverability snd acceleration rates, over a wider range of fiight
operating conditions, than existing operational aircraft. These higher
alrcraft performance requirements, in turn, impose more severe operating
conditions on the alrcraft's propulsion system and make the problem of

- airframe propulsion system integration more difficult. Thus increased
emphasis mist be given to the design and development of the integrated
airframe propulsion system configuration to ensure that the total
system's performance and stability are adequate over the complete range
of flight Mach nmumbers, angles of attack and jaw, altitudes and engine
power settings. In recognition of this need for increased attention to
alrframe propulsion system integration on tactical fighter ailreraft
congiderahle research 1s being conducted at the present time by both the
alrfreme industry and govermment agencies, on various aspects of this
subject. This paper presents the results of one such industry sponsored
study: an experimental investigation of the effects of nozzle spacing on
the installed exhaust nozzle performance for a twin engine tactical
fighter aircraft installation. The investigation was initiated in re-
sponse to the need for such data on various FX and VFX fighter aircraft
studies conducted during 1967 and 1968, at the Lockheed~California
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Company. The test was conducted in LTV's 4 foot by 4 foot high speed
wind tunnel. The following sections of this paper describe briefly the
develomment of the preliminary aircraft designs, the objectives of the
test programs and details of the models. Test results are presented and
various aspects of these results discussed in detail.

CONFIGURATION SELECTION

The evolution of the tactical fighter aircraft configurations exam-
ined began with a definition of the aircraft's performance objectives in
terms of climb and acceleration rates, mission radius, and other para-
neters such as vulnerability and reliability. These performance
objectives led to the selection of the propulsion system configuration.
This process is 1llustrated disgramatically in Figure 1., The combination
of performance requirements and wing loading lead to the re ent for
a high total engine thrust to alrcraft weight ratic, i.e. I/W 2 1.0, and
the need for an engine having a variable arsa exhaust nozzle and a good
part power transonic thrust coefficlent. The requirement: for vulnera-
bility and reliability lead to the selection of a twin englne arrange-
ment., Examination of the thruat coefficieat characteristics of several
available potential exhaust nozzle configurations led to the decision
to consider an engine incorporating a plug nozzle and one incorporating
a C-D nozzle. The aircraft configurations evclved are shown in Figure 2
with the C-D engine exhaust nozzle arrangement. As can bs seen the
aircraft in the upper part of the figure incorporates two-~dimensionsal
horizontal ramp inlets located just ahead of the wing leading edge, at
the wing root. The aireraft in the lower part of the Zigure incorporates
two-dimensional vertical ramp inlets located considerably behind the
leading edge. Because of the short inlet ducts of this configuration the
engines were located almost directly behind the inlets to minimize the
duct total pressure loss.

In conducting trade-off studies of theze configirations the guestion
arose as to what effest engine nozzie spaciag ratio, defined as the
centerline-to~centerline distance between the engines divided by 'he
maximm nozzle diameter, had on the installed performance of the nozzle
aftbody conflguration., A review of the literature at the time of this -
study revealed that insufficient test data wers avallable to aid in the
. selectlon of engine nozzle spacing ratio. A scale model test program was
therefore initlated for the purpose of obtaining such data, Sketches of
the exhaust nozzle aftbody configurations selected for testing are shown
in Figuwre 3. The plug nozzle design shown was tested in its crulse power
setting configuration, while the C-~D nozzle design shown was tested at
both erulse and maximum A/B power setting configurations., The model
general arrangements were somewhat different in that the plug nozzle was
tested with a symmetric interfalring, whilas the C-D nozzle arrangement
was tested with an asymmetric interfairing. Also three different
spacings were examined on the plug nozzle arrangement, while only two
spacings were examined on the C-D nozzle arrangement. To determine
interference effects the C-~D test was conducted both with and without a
vertical fln., Also af't falring inserts were examined on the C-D nozzle
arrangement. The matrix of test conditions examined are shown in
Figure 4 for each of the three nozzles. Shown are the spacing ratios,
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nozzle pressure ratios and test Mach mmbers at which the three config-
urations were tested. As noted testing was oconducted only at transonie
Mach mmbers since this was the reglon of maximm interest.

MODEL. SUPPORT AND INSTRUMENTATION

Photographs of the nozzle test rig installed in the LTV 4 foot by
-} foot wind tunnel are shown in Figures 5 and 6. Figure S shows the plug
nozzle arrangement while Figure 6 shows the C-D nozzle arrangement. The
forebody of the test rig consists of two parallel l-inch diameter tubes,
49 inches in length, separated by a spacer manifold. The flow tube
asgembly is rigidly held to the tunnel horizontal centerline by a forward
sweeping strut, which 1s bolted to the tunmnel ceiling. High pressure air
is supplied through the strut and diverted into each of the flow tubes
from the specing manifold, The airflow te each flow tube in individually
controlled and metered outside the tunnel. Single nacelle models were
tested by cealing off one side of the spacer manifold with a fairing
blcck. The 49 inch length of the test rig was sstablished on the basis
of providing a boundary layer thickmess to fuselage diameter ratio
approximately equivalont to that of the typleal fighter type aircraft
configurations shown sarlier. The §/D ratio of these configurations was
epproximately .145, In conducting the tests one nozzle flow tube con=-
tained a complete 3 component cylindrical force balance systam while the
other contained sufficiont static pressure instrumentation to check the

force measurements, .

Details of the model instrumentation and force balance system are
ghown in Figure 7 for both the plug and C-D nozzle models. On the test
of the plug nozzle arrangement a total of 197 static pressure taps, 8
total pressure rakes and 2 total temperature probes were used in addition
to three force balances; one on the external cowling, one on the plug
and one on the interfairing. Two six-probe rakes were located in each
flow tube to measure the total pressure distribution of the air entering
each nozzle end also to monitor the nozzle totel pressure during each
turnel run. The sverage rake total pressure however was not used in
caiculatirg nozzle performance. For performance purposes, the jet total
pressure was calculated from the orifice airflow and total temperature,
and the nozzle internal dismeter ard static pressure. Four six-probe
total pressure rakes were also used to survey the external boundary
layer profile at the nozzle station.

Cn the test of the C-D nozzle arrangement a total of 116 static
pressure taps, 2 total pressure probes and 2 total temperature probes
were used in addition to a single force balence on the extermal cowling.
The aft fairing between the two nozzles, which was connected to a force
balance during the plug nozzle test was only pressure instrumented
during the C-D nozzle test. Also the intermal rakes used during the plug
nozzle test were replaced by a single total pressure probe to monitor the
nozzle total pressure in each flow tube in the D-D nozzle test.

The 3-component cylindrical balance was designed to accurately measure

the small varlations in boattail drag resulting from interference effects.
This required that the balance error be small compared to the boattail
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drag variation being measmured. For the plug nozzle configuration the
balance measured both the boattell drag and the internal forces on the
nozzle shroud., Since the spike absorbed approximately 82 percent of the
total internmal plug nozzle forces, the magnitude and variation of the
forces on the internal shroud vere relatively low. For the C~D nozzle
configuration the ahroud was subjected to 100 percent of the total
nozzle internal forces, as compared with 18 percent for the plug nozzle.
In order to measure the boattall drag accurately in this case the
cylindrical balance was connectsed to only the outer shell of the left
hand nozzle. The irner shell was attached to the non-metric section
Just upstream of the balance, A bellows element was employed to seal
the cylindrical balance, The static pressures on both sides of the
bellows was measured during each rum, and used (together with an
experimentally determined effective bellows erea) in calculaiing nozzle
performance, The ¢ylindrical belance calibration with the bellows
installed was quite linear and accurate to within * 1/2 of 1 percent.

Pressure tubes on the plug nozzle splke wore routed out through
the center of the anmilus pipe supporting the spike, while the presaure
tubes on the plug and C-D nozzlse shroud were routed along a groove in
the flow tubes such that the extermal flow was not disturbed, Quick
pressure tube disconnects were provided bstwsen the nozzle shroud and
the flow tube. All pressure tubes were routed out of the tumnel
through a channel provided in the support strut and connected to multi-
headed scanivalve pressure transducers each capable of measuring L43
separate pressures. Klectrical signals from the straln-gage balances
and scanivalve transducers were transmitted to the tunnel control room,
digitized, recorded on magnetic ta.pe, and then transferred to punched

cards.
DATA REDUCTICN

Extensive use was made of digital computers o reduze the recorded
pressure and force balance data .to standard coeffislent form. The
primary terms used in the data reduction program are defined in Figure 7.
The force terms shown as SPxAx on this figwre were camputed by mumeri-
cally integrating the pressures over the incremental areas.

The internal nozzle ccefficient, Cp, was obtained by subtracting the
measured pressure and the ecalculated ction forces on the nozzle
internal surfaces from the upstream total momentum. The nozzle upstream
Mach mumber, M2, which was used to calculete the upstream total momentum
and nozzle pressure ratio, was obtained from the orifice airflow and
total temperatures, and the nozzle upstream static pressure and area,
using one-dimensional compresaible flow relationships. It was possible
to use average flow field properties since the choke plates located in
both flow tubes provided a fairly uniform velocity profile at the nozzle
upstream station. The internal skin friction drag was calculated from
Prandtl's universal law of friction for smooth pipes (Reference 1). The
equations used for calculating C for the right and left hand plug and
C=D nozzles are given below.
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'ﬁ The boattall drag coefficient, CDBT , was calculated from pressure
and force balance data on the right and left hand nozzles

! ruspectively. Since the pressure drag coefficient does not include the

y

external skin friction drag, it was necessary to subtract the friction
drag from the force balance data, The external skin friction drag was
calculated from the incompressible local skin frictlon coefficient
developad by Sivells and Payne, Reference 2, which was adjusted for

; campressibility effects using the Sommer and Short T' method, Reference
y 3. The boattall drag cocefficient for the right and left hand plug and
! : : C-D nozzles was calculated fram the following equations:

: cDm' (B Plug) = [Pm (Agp + 43) - sp?A?]/q,Am - (3a)

%, (LH Plug) = [F1 - s%gé' + SPSAB - (ij e )+ (3v)
Py (Agn =S, = sb1) ]/qa Ay

cnm.(mc‘m »=[P°Am-SP7A7-SP8AB-m]/q.Am(ha)

(LH C-D) =[F1-'spgA9-rm+y_A9-m] (kb)
[ Ay :

C

Dgp

The base drag coefficient, C, , for the plug nozzle configuration
vas included in the boattall = 0B drag coefficlent. The base drag
ocoafficient for the C-D nozzle configuraticn was calculated from
pressure instrumentation. The aft fairing drag coefficlent, CD s Was
obtained from force balance data and pressure data for the AF plug
and C=D nozzle configurations respectively.

S (R c-D) =[P, Ay -P0] /o A, (5a)
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The total aftbody drag coefficient, C, , nozzle thrust coefﬁcient,
Cps and nossle thrust mimus drag B’ coefficient, Cp_p, were

derived from measured parameters using the equations shown belows

CD’L‘ - Darr DB +1/2 c ‘ (8

Ce "c'l"'c'nm+c ) chma.x/Fi _ (9)

Cr-p = G-% G, 8 /) (10)
TEST RESULTS

Plug Nozzle Configuration

A sumary of the results obtained in the test of the plug nozzle
configuration is presented in the bar chart shown in Figure 8. Presented
is the nozzle thrust coefficient, Cp dafined ia the previens ssction, as

- & function of nozzle pressure ratio, P, Py test Mach mmber, M. , and
X

spacing ratio, S/D. The most significant vesult to note is
that the thrust coefficient decreased considerably as the nozzles wers
brought closer together, and that. this effect was more predominant at
the lower nozzle pressure raitlos, than at the higher pressure ratios.
Examination of the boattaill drag coefficlent, C, , reveals that it is
the parameter largely responsible for the Dyr decrease in nozzle
thrust coefficient with decreased spacing. Thls ia shown by the data
presented in Figure 9, vhich shows the boattail drag coefficlent as a
function of the same parameters used in Figure 8. The most significant
point to note from Figure 9 is that the interference effects due to nozzli
spacing are a maximm at Mach .9 and that this effect decreases somewhat
with increasing nozzle pressurs ratio. It was also determined that the
nagnitude of these boattail drags wers quite high indicating that this
boatiall configuration was not necessarily the optimm,

Close inspection of the static pressure instrumentation on the
nozzle boattall surface shows how nozzle spacing ratio effected the
circumferential boattail flow. Figure 10 plots the measured atatic
prgssurs ratio along the boattall at two circumferential stations, i.e.
90" and 270°, at Mach .90. The interesting thing to note is that the
pressure distribution is most symmetrical when the nozzles are closely
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spaced and, conversely, most munsymmetrical when the nozzles are

furthest apart, It is rationalized that the large change in statloe
pressure distribution in the wake of the interfairing 1s due to boundary
layer effects. At the large spacings the boundary layer effectively
magks the existance of the sharp shoulder and therefore the flow doesn't
over expand as it normally does. At the close specings there appears to
be a jet pumping effect which acts to expand the flow to the minimum
pressure level. Even so, the flow appears to separate midway along the
boattail. Thus the boattaill drag is maximum at the close nozzle

spacing.

Examination of the total aftbody drag coefficlent, and the config-
uration's thrust minus drag coefficient, reveals several important facts,
as can be seen by the data presented in Figure 11, Consideration of the
aftbody drag only shows that the minirnm drag is obtained at a spacing
ratio of appro:d.mately 1.25, however vhen the nozzle internmal thrust
coefficlent is included in a thrust mimus drag coefﬁcient the optimm
is obtained at a spacing ratio of approximately 1,40, This result is
due to the interference effects on the nozzle plug, which reduced the
nozzles internal thrust coefficient at close spacings., While the
performance laevel of this arrangement could have been improved through
configuration changes, this wus not done since concurrent studies were
at this time favoring a C-~D nozzle arrangement.

C-D Nozzle Confimumation

In designing the C~D nozzle arrangement use was made of the plug
nozzle test results In an effort to improve it's installed thrust minus
drag. In particular, the nozzle interfairing was shaped differently and
extended to the nozzle trailing edge. Also the sharp shoulder was
eliminated from the boattail. Thus the results of the tests of the C-D
nozzle arrangement sre not directly comparable with the plug nozzle
resulis,

A sumary of the results cbiuaizned in the test of ths .C~D nozzle
configuration is presented in the bar chart shown in Figure 12, Presented
13 the nozzle thrust coefficient as a functlon of nozzle pressure ratio,
Mach mmber and spacing ratio for both the cruise and reheat nozzle
geomotries, The important thing to note from this data is that there is
very 11ttle difference in perfcrmance between the two spacing ratios.
The primary reason for this is that there was little if any effect of
spacing on the nozzle boattail dreg. This is shown by the bar chart
presented in Figure 13. Shown 1s the variation of boattail drag
coefficlent with Mach mmber, pressure ratio and spacing ratio for both
the cruise and reheat configurations. Probably the most interesting
point to note is the large drag assvclated with the cruise nozzle at

Mach 1.10.

Inspection of the static pressure distributions on the nozzle boat-
tall surface revealed some variation with circumferential position.
This is shown by the data presented in Figure 14 which plots the boat-
tall static pressure ratio as a function of model axial station for the
two spacing ratios tested. As can be seen the pressures are slightly
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lower for the larger spacing ratio. Also, the pressures are greatest at
the 270° station, which i1s in the channel region under the interfairing,
similar the plug nozzle arrangement. The big difference between the
Plug and C-D configuration results is that the boattall pressures were
not reduced when the nozzles were closely spaced in the C-D test, whereas
they were in the test of the plug nozzle arrangement.

Figure 15 shows the C-D nozzle configuration total aftbody drag
coaefficient and the thrust minus drag coefficient as a function of rozzle
spacing ratio. As can be seen both the minimm drsg and maximm thrust
are obtained at a spacing ratio of 1.25. While no tests were made of a
amaller spacing, it would have been interesting to see if a further
improvement in performance would be obtained by reducing the spacing
ratio to 1.0. : i

The effect of falring inserts and a vertical fin on the total aftbody
drag coefficient for both C-D nozzle configurations is presented in
Figure 16. It can be seen that the effect of the vertical fin was to
increase the drag on both the interfairing and boattall surfaces, however,
the increase was still not as significant as the effect of nozzle spacing
ratio. The effect of the inserts i1s not 90 clear. Actually a drag trade
off is involved wheroby the drag on the larger boattall surface with the
inserts out 1s compared with the drag on the larger interfairing surface
with the inserts in. It appears that an even trads results for the
narrow conflguration, while the larger spacinhg shows a higher aftbody
drag coefficient with the inserts out. The same trend was observed for
both cruise and reheat nozzles.,

CONCLUSIONS

The major conclusions derived from the data chtazined 4n the test
prograx described herein are listed in Figure 17. The two moat lmportant
conclugions were that for the plug nozzle arranganent the maxirum afibedy
thrust minus drag was achieved with a nozzle spacirg ratio of approximately -
1.4 whereas for the C-D nozzle arrangement ihe maximum.performance was
achieved with a spacing ratic less than 1.25. These tests also confirmed
what has been recognized for some time, that 13, when we are working with
a closely integrated exhaust nozzle-airframe configuration the flow about
the nozzle boattall 1s not symmetrical, or uniform, due to both boundary
layer and mutual interference effects, Fallure to consider these effects
in the development of the aftbody-exhaust nozzle configuratlon can lead
to a significant error in the prediction of aircraft performance.

In recognition of the above, considerable work is currently being
done to improve the analytical techniques used to prediet installed
exhaust nozzle aftbody performance. Reference 4 describes one such
effort conducted by the Lockheed-California Company using Air Force funds
in 1966. Company sponsored efforts are continuing using potential flow
techniques and transonic flow methods incorporating non uniform local flow
conditions and the effects of the "real" boundary layer. It is expected
that substantiated analytical techniques will be available within the next
several years which wiil provide valuable aid in developing integrated
exhaust nozzle configurations, hopefully reducing the need to conduct
extensive and costly configuration development testing.
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FIGURE 2. REPRESENTATIVE TACTICAL FIGHTER AIRCRAFT
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LIST OF SYMBOLS

A projecteu area in square inches
K equal o gy - § - S
C-D convergent-~divergent nozzle
Cp pressure drag coefficient, j' (PL -P_ ) an A<
Cp . thrust coefficient
Co pressure coefficient, (PL -P_ )/qm
o internal thrust coefficient, [uVe + (P, - P_)A ] /F,
CT-D thrust-minus-total aftbody drag eoefi‘icient
DUNDF nozzle boattall drag on area under the mterfaiﬂng |
F1 net drag, cylindrical boattail balance
Fo net drag, external spike balance |
F3 net drag, aft falring balance
Fi ideal thrust for complete isentroplc expansion of Jet flow,
g/ﬁg —o. (1) [1 --(ilf.s_) (y- 1)/y]
Y ty3
M Mach number ’ '
M.S. Model station
P static pressure, psi
Pt total pressure, psi
Pt,j/Peo nozzle pressure ratio
R gas constant, 53.35 £t-1b/1b°R
S effective bellows area ’
SPxAx pressure force in pounds, defined in Figure 7
Tt nozzle jet total temperature in degrees Rankine
™ total upstream momentum, P.A [ 1+y (M)z]
W orifice or nozzle weight flow in pounds per second
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by gkin frictlon drag

1 friction drag on internal plug nozzle shroud suxrface

f£2 friction drag on internal plug nozzle spike surface

g local acceleration of gravity, 32.174 feet per second square

mVe nozzle exit momentum, PeAeY Mea

q_ freestream dynamic head (incompressible)

y ratio of specific heats, = 1.4

Subscripts

AF af't fairing boattall surface

B nozzle base surface

BT 120zzle boattall surface

L local

b external bellows base

b1 internal bellows base

e nozz'e exlt station

ext external metris surface of left hand nozzle

g gay between plug nozzle c:ylindr:';cai balence end shield

max crossection of flow tube, 4 inch dlameter

P external plug nozzle spike surface

Special Symbols

x1 internal flow tubs properties at station 40.563, i.e. A1, M1, P2
P2, ™M

x2 internal nozzle properties at station 45.7 for plug nozzle and
station 48,5 for C-D nozzles, i.e. A2, M2, P2, P32, TM2

xR,d  "Right Hand" and "Left Hand" identification of model camponents

and flow properties based on looking aft with strut on the top,
i.e. TM2R, ™M, fiR, £1L, f2R, £2L, PY1L, PE2R, fyL
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Model Confisuration Svmbols

NCI

Neg

NCIF

ICI

108

Narrow C-D Cruise Nozzle, Inserts In, Fin Off

Narrow C-D Reheat Nozzle, Inserts In, Fin Off

Narrow C-D Cruise Nozzle, Inserts Qut, Fin Off
Narrow C~D Reheat Nozzle, Inserts Out, Fin Off
Narrow C-D Cruise Nozzle, Inserts In, Fin On

Narrow C-D Reheat Nozzle, Ingerts In, Fin On
Intermediate C-~D Cruise Nozzle, Inserts In, Fin Off
Intermediate C-D Reheat Nszzle, Inserts In, Fin Off
Intermediate C~D Cruise Nozzle, Inserts Out, Fin Off
Intermediate C-D Reheat Nozzle, Inserts Out, Fin Off
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WIND TUNNEL INVESTIGATION OF INSTALLATION
EFFECTS ON UNDERWING SUPERSONIC CRUISE
EXHAUST NOZZIES AT TRANSONIC SPEEDS
Bernard J. Blsha, Daniel C. Mikkelson, and Douglas E. Harrington

Lewis Research Center
National Aeronautics and Space Administration
Cleveland, Ohio

ABSTRACT

To investigate airframe installation effects on engine nacelles and
afterbodies at subsonic and transonic speeds a series of wind turnel
tests wers conducted using a 1/20 scale model of the F-106 aircraft
with simulated underwirg engine nacelles. Boattail preasure drag,
nacelle pressures, and wing pressures were cbtained on a series of con-
figurations including changes in nacelle and inlet geometry and nacelle
position. Boattail drag was cobtained by pressure integration with
15-degree conical boattail aftarbodies and jet boundary simulators.

Data were obtaingd over a Mach number range of 0.56 to 1.46 at angles
of attack from 0 to 15 .

INTRCDUCTION

One of the early phases in the develcpmen® of an eircrafi ext.aust
system 1is to determine the isolated nacelle performance of the nozzle
in a wind tunnel without any adjacent airframe surfaces. Racent ex-
perience has shown that performance of an exhaust nozzle system can be
appreciably affected by installation on an aircraft, especially at off-
design conditions (Ref. 1). An engine nacelle for a typical supernonic
cruise aircraft may be installed close to the lower surfece of a large
wing with the aftertody extending downstream of the wing trailing adge.
This aft location of the nacelle provides shielding of the inlet by the
wing surface and may alsc provide favorable interferernce betwean the
nacelle and wing. This nacelle location has not been used in previous
supersonic aircraft and little is known about the effects of such an
installation on the exhaust systems required for this type of aircraft.
To investigate installation effects on the exhaust system of a podded
engine installation of this type, the Lewis Research Center iz con-
ducting a combined flight and wind tunnel test program utilizing an
P-106 aircraft with underwing engine nacelles housing J-85 afterburn-
ing turbojet engines. The P-106 aircraft was selected because it has
a wing planform which could be representative of present and future
supersonic cruise aircraft. The flight program will obtain installa~
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tion effects on complex exhaust nozzles in the high subsonic and tran-
sonic speed range where wind tunnel models are limited to very small
size to avoid wall interference effects. In a concurrent effort, wind
tunnel models are also being nsed to investigate configuration changes
that would be too expensive, time consuming, and in some cases im-
possible to test on the F-106 aircraft. Such a series of tests were
conducted in the Lewis 8- vy 6-Foot Supersonic Wind Tunnel utilizing a
1/20 scale model of the F-106 aircraft with simulated underwing engine
nacelles, Some of the early wind tunnel tesat results are preseated in
Ref. 2.

In the wind tunnel tests, nacelle and wing pressure distributions
and becattail pressure drag were obtained on a series of nacelle con=-
figurations including changes in nacelle and inlet geometry and nscelle
position. Although small in size, this model has teen very us2ful in
qualitatively explaining the installation effacts observed tuth in
flight and in th2 wind tunnel tests. Because of the small size of the
test nacelle, only simple variable flap ejeztor nozzles couid be
studied. Boattail pressure drag was ottained by pressure integratior
with 15° conical afterbodies and jet-boundary simulators. These
afterbodies gimulated the geometry of a variable flap ejector when the
exit area is closed for operaticn at subsonic and transonic speeds.
Boattsil pressure drag coefficients for these underwing nacelles are
presented and compared with flight test results. Comparison ia also
made with wind tunnel data from isolated ccld-flow nacelle tests and

" tests with a nacelle under a simulated wing. The simulated wing test

included a larger nacellie, which was geometrically sgimilar to the
cylindrical nacelle on the 1/20 scale model, installed close to the
lover surface of a rectacgular wing. This test was a firat attempt to
investigate installstion effects on larger-sized nacelles in the 8- by
56-Foot. Supersonic Wind Tunnel with orly portions of the wing and air-
frema pragent. If successful, this tunnel test technigue offers the
possibility cf conducting installation effects tests with iargex
nacelle: than can te used on complete airframe models without exceeding
tunnel blockage limitations. In this paper, 1/20 scale model naczlle
and wing pressure distributions are presented to qualitatively ex-
plein tne observed installation effezts.

MODEL DETAILS

In Fig. 1 the 1/20 scale mcdel of the F-106 aircraft is shown
installed in tbe transonic test section of the Lewis 8- by 6-Foot
Supersonic Wind Tunnel. The model was sting mounted from the tunnel
floor strut. The underwing nacelles shown are scaled versions of those
which are being flight tested on the F-106 sircraft. Open inlets
which allowed air to flow through the nacelles and jet-boundary simu-
lators are shown. Tests were conducted over a range cf Mach numbers
from 0.56 to 1.46 at anglas-of-attack from 0° to 15°. EKeynolds number

282




varied from 3. 6glO per foot (11. 8:%0b per meter) At Mach number
0.56 to 4.96x10° per foot (16.28x10° per meter) at Mach number 1.k46.
Model blockage at O0° angle-of-attack was less than 0.3 percent. Al-
though the model scale was relatively small, it was selected to avoid
effects of tunnel wall interference at transonic Mach numbers.

A schematic drawing of the typical nacelle installation undar
the model wing is shown in Fig. 2. The nacelles were strut mounted
to the lower surface of the wing on each gide of the fuselage and the
basic spanwise position was approximately 31 percent semispan. The
cylindrical nacelle dlameter was 1.24 inches (3.15 ecm)., The nacelles
were installed at -4.5° incidence angle with respect to the wing chord
and extended 0.975 nacelle diameter aft of the wing trailing edge.
Tre nacelles also extended below the lower surface of the fuselage
which was fairly flat in the region of the nacelles. Each nacells had
a 15 conical begttail with zero radius of curvature at its juncture
with the nacelle and was followed by & cylindrical jet-boundary simu-
lator. The purpose of the simulator was to approximete the lccal flow
field that would exist in the presence of a jet with a1 exit-to-local-
static pressure ratio of 1.0. During the testing numerous changes were
made to the nacelle geometry upstream of the bocattail. Also, for some
configurations open inlets were used which allcwed stream flow tc pass
through the nacelie body and exit aft of the jet-boundery simulator.
All the nacelle afterbodies had a ratio of projected boattall area to
nacelle cross-sectional area of 0.551.

All of the model instrumentation consisted of pressure orifices
installed on the nacelles and the model wing. The solid nacelle con-
figurations were instrumented over the entire length including the
boattails. The open nacelle configuratione were instrumented near the
aft end only. Boattail dreg date were therefore ohtained by pressure
integration and no force bveiance was used.

RESULTS

" A comparison of flight and wind tunnel drag data for the 1‘5o boat«
tail nozzles is shown in Fig. 3 as a function of free-strsam Mach num-
ber at nominally O degree angle-of-attack. Data from the 1/20 scale
F-106 model are presented and compared to flight data; data from an -
8-1/2-inch (21.59 cm) diameter isolated cold-jet model (Ref. 3); and
data from a U-inch (10.16 cm) diameter model under a rectangular flat-
plate-simulated wing (similar to the model described in Ref. L4). The
flight data presented were obtained with a J-85 engine at maximum
afterburning which provided a nozzle pressure ratio and area ratio such
that the cylindrical ejector nozzle was overexpanded below Mach 1.0
and underexpanded above Mach 1.0. The jet-boundary simulator used on
the 1/20 scale P-106 model simulated a nozzle operating fully expanded
over the entire speed range. £imilar conditions existed for the cold-
jet nozzle, and the model with the simulated wing also had a jet-

283



boundary simulator. It is apparent that installation of the nozzle

on the airframe caused a significant decrease in drag compared to the
isolated nogzle., This drag reduction was very large at high subsonic
speeds and the transonic drag rise was delayed tc Mach 0.98. The
flight and wind tunnel installed drag data compare faborably except
near Mach 1.0 where the flight values were considerably higher. It is
also apparent that some of this drag reduction is obtained witnh just
a flat plate wing simulation. The further decrease in afterbody drag
seen at Mach 0.95 for the installed flight end 1/20 scale model data,
as will be shown in the next few figures, is the result of the nacelle
and wing transconiz terminal shocks being near the boattail at thesa
speeds. This ierminsl shock was also present cn the cold-jet model
and the model with the simmlated wing but due to tunnel blockege the
effect on afterbody drag was delayed to Mach 1.08 and 1.02, respectively.

These favorable installation effects on afterbody drag are the
result of the effects of the combined@ wing and nacelle flow fields and
. are apparent in the wing and nacelle pressure distributions. In Fig-
ure 4 average wing lower surface pressure distributions without
nacelles are shown for Mach numbers from 0.8 to 1.0 at 2.5 degrees
angle-cf-attack. These pressures are averages of those observed be-
tween 20 and U3 percent semispan and are presented as a function of
wing station. The wing cross section at 31 percent semispan (basic
nacelle spanwise location) i3 shown for reference. It is apparent
that a region of low pressure exists on the lower surface of the wing
in the region aft of the wing maximum thickness (which is approximately
50 percent chord) and is followed by a recompression near the wing
trailing edge. An increase in Mach number results in lower pressure
in this region and a much stronger recompression &ft. Near Mach 0.95
this recompressicn has the cheracteristics of & t=rminal sheck. At
Mach 1.0 this shock has movad off the wing and the pressure remains
lovw to the wing trailing edga. This result correlates with the sharp
drag rise seen near Mach 0.98 in the przceding figure.

The effect of the nacelle installation on the wing lower surface
pressure distribution is shown in Fig. 5 for Mach 0.85 at 2.5 degrees
angle-of-attack. It this figure, pressures are shown for one row cf
orifices just outboard of the nacelle station; however, the observed
effects extended over considerable regions of the wing lower surface.
With the nacelle installed, a region of increased pressure occurs
abcve the forward half of the cowl. The pressures above the center
portion of the nacelle are lower than without the nacslie and are
followed by & stronger recompression region near the wing trailirng
edge. The lower pressures above the center portion of the nacelle
probably result from the expansion region generated by the cone-
ghoulder geometry of the cowl-nacelle juncture. As descrited in Ref. 5,
this modification to the wing pressure distribution resulted in elevon
trim changes for the flight aircraft espacially at the high subsonie
Speeds.
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The installation effect on the nacelle pressure distribution is
shown in Fig. 6 for the cylindrical nacelle at Mach 0.95 and O degrees
angle-of-attack. The isolated nacelle pressures show the typical cone-
cylinder juncture flow overexpansion and recompression for this Mach
number. With the nacelle installed the flow overexpansion is delayed
to further aft positions on the cylinder. This is partly the result
of the wing flow field in this region where low pressures were pre-
viously observed in Figs. 4 and 5. These low pressures are then
amplified to some degree by & reflection of the flow expansion at the
nacelle shoulder from the lower surface of the wing. The flow re-
comprassion, being fuether aft on the nacelle, is somewhat amplified
because it then coincides with the strong recompression region seen
at the wing trailing edge in Figs. 4 and 5. Therefore, at the high
subsonic speeds the boattail is immersed in the recampressgion fields
of both the nacelle and the wing, thereby resulting in higher bost-
tail pressures and lower drag. As seen in Fig. 7 at Mach numbers 0.90
and 0,95, the low pressures forward on the nacelle recompress through
a pressure discontinuity region, or terminal shock, which moves aft
with increasing Mach number. At Mach 0.95 this pressure discontinuity
coincides with the location of the terminal shock seen at the wing
trailing edge without nacelles in Fig. 4. At Mach 1.00, the pressure
discontinuity region moves aft of the boattail and the decreased
pressures on the boattail result in the sharp drag ris: observed pre-

viously at Mach 0.98.

As described in Ref. 5 these shocks evidently result in an un-
desirable installation effect that was observed in flight. At flight
Mach numbers between 0.85 and 1.0 a vibration or buzz of the nacelles
and the F-106 elevons was encountered with the peak amplitude cccurr=-
ing at Mach 0.95. The frequency of the buzz wes found to be 47 hz.
and the amplitude of oscillation was large enough to be perceived by
the pilots. This vibration appeared tc be caused by an unstabls inter-
action between the terminal shocks and the boundury layer on the
nacelle and wing surfrces. Unsteady flow intsesractions of this type
could be of concern whenfloating type nozzle components ars used. How-
ever, & change in the a2sign of the nacelle strut tended to lower the

amplitude oi vibration.

The effect of angle-of-attack on installed boattail drag is shown
in Fig. 8 for angles-of-attack from 2.5 degrees to 15 degrees. Over
the Mach number range investigated, the effect of increasing angle-of-
attack was smell for angles less than 8.5 degrees, and near Mach 1.0
where increasing angle-of-attack resulted in reduced becattail drag.
Similar results were seen for all configurations investigated.

Large variations in the shape of the nacelle also were found to
generally have little effect on boattail drag. This is shown in
Fig. 9 where boattail drag coefficient is presented as a function of
free~-stream Mach number at 2.5 degrees angle-of-attack for cylindri-
cal, F-106 type, flared, and flared-bent type nacelle shapes. In
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Fig. 9 these shapes are illustrated with schematic drawings. These
nacelles had open inlets which allowed the stream flow to pass through
the nacelle body and exit at the aft end of the jet simulators. The
effect of nacelle shape is small except for the flared nacelle where
the boattail drag is considerably increased with coefficients similar
in magnitude to isolated nacelle results. This is probably the re-
sult of significant differences in the flow spillage around the for-
ward portionsg of this nacelle in contrast to that of the cthers.
With this configuration, the etfect of the wing terminal shock is
still seen to result in reduced boattail drag for Mach numbers near
0.95 vhen compared to isolated nozzle resuvlts. This flarad nacells
igs a rather unusual transonic case in that no flow is spillsd at the
inlet. Most suporsonic inlets are oversized in the transonic speed
range and the resulting flow gpillage would provide a flow field
similar to that of the other three nacelles.

The redu-tion in boattail drag that was observed was not alto-
gether peculiar’ to the spanwise location of the nacelle. The data of
Fig. 10 show that essentially the same installation effects ware obe
tained at subsonic Mach numbers when the nacelle spanwise position wes
doubled. For transonic Mach numbers the installed boattail drag was
further reduced from isolated nozzle values as the nacelle was moved
outbeard., The effect of an adjacent inboard nacellzs on outboard
nacelle boattail drag is siown in Fig. 11. At subsonic Mach numbers
the presence of an inboard Nacelle had little effect on the outhoard
nacelle bcattail drags. However, for transonic Mach numbars boattail
drag on the outboard nacelle increased when the adjacent nacellie was
installed. These values are closer to the values observed on the in-
board nacelle. This is probatly the result of the intosard nacelle pre-
senting a sowewhat similar refiecting surface to the outtoard nacelle
as that se2n by tne inbcard nacelle instalied clcse to the fuselage.

As described in Ra2f. 2 the effects of an adjacent outboard racelle on
inboard nacelie toattail drag were small except for Mach numbers great-
er than 1.3 where the drag was observed to increase.

During the riight and wind tunnel testing, another sigrificant
result was observed. It has besn demonstrated that largs redactions
in boattail drag can be realized by increasing the radius ratic of the
boattail juncture (=.g., Ref. 3). In Fig. 12 flight and isolated
nozzle data are used to show the effect of afterbody shape on btoattail
drag. Data for boattail juncture radius to nacelle diameter ratios
(radius ratic) of O and 2.5 are presented. With the isolated nozzie,
a significant subsonic drag reduction was obtained when the radius
ratio was increased from O to 2.5. The installation effect, however,
produced a larger reduction in subsonic drag for the sharp-edge bozte-
tail, and rounding the juncture had very little additional effect.
The drag reduction dae to radius ratio is unaffected by instaliation
in the supersonic region for both the isolated and installed nozzli=s.
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CONCLUSIONS

To investigate airframe installation effects on engine nacelles
and afterbodies at subsonic and transonic speeds a series of wind
tunnel tests were conducted using a 1/20 scaie model of the P-106
aircraft with simulated underwing engine nacelles. Pressures and
boattail drag data were obtained on a series of nacelle configurations
with 15-degree conical boattail afterbodies and jet-boundary simu~
latoras. Conclusions which can be made are:

l. Airframe installation of this type resulted in reduced
boattall drag at all Mach numbers when comrpared with isclated nacelle
results and the transonic drag rise was delayed tc Mach 0.98.

2. Good agreement existed between flight and model results.

3. These installation effects were caused by the combination
of the acceleration and recompression in the flow fields of the wing
and nacelle creating high pressures on the beoattail afterbody at high

subsonic speeds,

4. Flight data indicate that the flow associated with the
favorable interference can be unsteady and may cause floating nozzle
stability problems. .

5. The effects of increasing angle-of-attack were small for
angles less than 8.5 .

6. The effects of changes in inlet and nacelle geometry were
small except for a flared nacelle configuration where thLe installetion
effects were small. This configuration 1s unususal, however, in that it
did not simulate inlet flow spillage which is normal at tranconic

speeds.

7. These installation effects wer: generally insensitive to
changes in nacelle spanwise position except Ior Mach numbers greater

than 1.0.

8. When installed near the wing, the boattail drag is much less
sensitive to detailed changee of the afterbody juncture curvature
than is an isolated boattail.

SYMBOLS

b wing span
cD boattail pressure drag coefficient based on cross-sectional area
B at boattail juncture

287



w‘f b.dn

«

!

static pressure coefficient
nacelle diameter

free-stream Mach number

nozzle boattail juncture radius
axial distance

spanwise distance
angle-of-attack
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Fiaure 1. - 1/20th scale model of £-106 in 8- by 6~Foot Super-
sonic Wind Tunnel,
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Hgure 2. - Typical nacelle installation urder model wing, soiid
cylindrical nacelle,
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~—O-—— F-106 1720 SCALE WIND TUNNEL DATA
~=0~==F-106 FLIGHT DATA

=== MODEL WITH SIMULATED WING
—~====COLD FLOW ISDLATED NOZZLE

.20
B gf
A
AY
2~
BOATTAILL
DRAG |
COEFF, , -
c
Dﬂ . 04—
0--.
™ S B .1 R Y
"4 .6 .8 Lo L2 L4 L6
FREE-STREAM MACH NUMBER, Mg
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Figure 4 - Average wing lower surface pressure distribu-
tion without nacelle; /b fPMQ 2040, &, a- 2 5,
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Figure 7, - Effect of Mach number on nacelle pressures, a= 0°.
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Figure 10 - Effect of nacelte spanwise position on
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cent nacelle, a=2.5.
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CALCULATION OF SUBSONIC INLET DRAG
T. C. Rochow, B. M, Sharp, and E. D. Spong

McDonnell Aircraft Company

ABSTRACT

Calculation procedures for axisymmetric and two-dimensional flelds

have been developed to solve the compreas.ble potential fiow problea in
the subsonic regime,

The methods have been computerized and applied to the calculation of
the flow field and drag of two-dimensional and axisymmetric inlets. Good
agreement with experimental data has been shown and the calculations are

considered superior to existing technigues for subsonic inlet drag deter-
mination.
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INTRODUCTION

An snalytic calculation of the drags associated with an inlet in the
subsonic flow regime is a problem that has not been solved in & satisfac-
tory manner in the past. The usual procedure has been tc make a one-

‘dimensional calculation of the additive drag and to apply an empirically

determined estimate of the force on the inlet cowl. This force normally
corresponds to a reduction in drag due to the fact that the pressure is
below ambient. In addition, the empirical correction should account for
covwl drag between maximum capture (air induction) and the capture at the
operating point in question. In the opinion of the authors the uncer-
tainty in these empirical corrections is so great that little credence
can be put in inlet drags calculated by these techniques.

A more fundamental calculation of the inlet drags can be obtained by
evaluating the flow field surrounding the inlet. For subsonic, compress-
ibie, potential flow in two-dimensional or axisymmetric coordinate systems,
methods have been developed to facilitate this flow field determination.
From numerical integrations of the flow field appropriate values of stream
thrusts and forces can be used to directly calculate the values of addi-
tive and cowl drag. .

In the following sections the analytical methods are thoroughly out-
lined, comparisons with experimental data presented, and a discussion of
+he limitations of the technique given.

ANALYTIC ANALYSES

The following subsections give a detailed pressntation of the equa-
tions and technigues used to solve the subsonic, compressible, potential
flow field in axisymmetric and two-dimensionsal coordinate systems. A
closed form solution is not possible and numerical techniques are used,

In each vase the field to be solved is represented by a grid with nodal
points defined by the intersections of two grid lines. The two approaches
are slightly daifferent, but in both cases the continuity equation is
written for each node in & form using velocity potential, initially
assuming a constant density field., The set of all such equaticns is then
solved simultaneously to give a potential field, which in turn allows
determination of the velocity, density, Mach number, and flow angle at

the nodal points. Since the field is subsonic, a complete set of %oundary
conditions must be incorporated in the equations. Iterative techniques
are used to converge on the compressible solution.

Axisymmetric Analysis

The nodal network shown in Figure 1 in the r-z coordinate system is
considered. Conservation of momentum and energy with the assumptions of
steady flow, negligible body force due to gravity, adiabatic flow, uni-
form entropy, inviscid fluid, and no electromagnetic effects gives the
irrotational condition

VxVa=0 (1)
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which implies that V'may be represented by the gradient of a scalar poten-
tial function @ as

Vavg (2)

since

Vxvg =0 ‘ (3)

The mass flow may be represented by

mk = pAtrans Vk ()

and substituting for V, from Equation (2) gives

. 3
By = pAtra.ns 3%; (5)

Considering a node N in a grid with four orthogonal nsighbors (Fig-
ure 1), the net mass flow at steady state must be zero. The next step in
the development 1s to write an equation in the velocity potentials at the
five points by integrating Equaticn (5) to get the mass flow from node N
to its four neighbors, sum these mass flows, and set the sum equal to zero.
Assumptions at this point are:

°® Node N exchanges mass only with its four orthogonal neighbors.

° fThe strip width defining A
sectors of the nodal grid.

+rans is set by the orthogoral bhi-

From the coordinate system we note

Den) o (2 2
At rans (right or left) = "(‘NA rHB)

’ (6)
A ans (radial) = 2nr(zNL - ZNR)

Substituting from (6) into (5) for the left-right direction gives

myomenly - ) 32 ()
and integrating from N to R 7
o R R
mRs dz = pw(rﬁA - rgB)s ag (8)
N N

. emleh, - Th)(g - g)

"R~ {z

(9)
R = Zy
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n(r2 - r2 )
PTIrNA ~ 'NB

Letting C_ = - , we have
R (zR zN)

n'uR = Co(fp - #y) (10)
In the same manner by integration from N to L

1;1L =c (g, -8 (11)
For the radial direction by substitution of (6) into (5)-

n = - 1)

my pQwr(zNL ZNR) or (12)
Integrating from N to A ylelds

A A
. .ir -
mA.S = = 21rp(zNL - ZNR) s ag (13)
N N
2mp(z,.. - 2,)
. NL " %N
mA = zn(rA/rNr (¢A - ¢N) (lh)
orplz,, - z.__)
. NL = *NR

Letting CA = zn(rA/rN) s we have

ny = C,\ (8, - 8,) (15)

In the same manner by integration from N to B
my = Cpl8y - 8y (16)
In the preceding development it should be noted that p has been assumed
to be constant. Now a basic mass belance may be formulated by setting
the sum of Equations (10), (1i), (15), and (16) equal to zero.

C (B = @g) *+ Cr(y ~ By) +C, (B, - @) +cy(dy -gy) =0 (17)

Expanding and combining like terms yields
L
Cr iy + CpPp * CpPp * Cfy - 32:'1 Cyy =0 (18)
Two common special cases of the basic Equation (18) of interest are

©® Known mass flow or potential - specify term in the equation;
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suppose iR is known for a certain mode
3
C.8 +C0, +Chy - 3{:1 C,8y = Constant (19)

© Zero mass flow (impenetrable boundary) - remove term in equation;
suppose mR is known to be zero for a certain node

3
C 8 +C 8, + Chy - ng cJ(ziN =0 (20)

A third special case of somewhat greater complexity is that occur-
ring when the transfer area is partially bounded by & surface rather than
the orthogonal bisectors of the nodal grid. 1In the computerized calcula-
tion each term has an input multiplier (B) to provide for this case. In
the following paragrsph the calculation of B for one of the several
possible geometries will be outlined. '

Figure 2 shows the geometry to be considered. The transfer area is
shaded and is seen to be partially bounded by a solid surface. It iz seen
that the radial transfer area is given by -

- = ) - ‘ 'k_v. .
Atrans(radlal) 2ﬂr(zNL zs(r)‘ , {21)

and the mass flow may be written

A - g -
i, 2nrp(zNL zs(r)) o (22)
Integration yields

A A
. dr B 4 ;
mAg I'(ZNL _— G_)) = Efpg d¢ (23)

N 5 N '

anp(g, - @) _

f, = X | (21)

A jA .
y Tloyg, -z i0))

In the computerized calculation ﬁA is represented by
R

) 2np(zNL -z
m

A = ‘Q'n(rA7rN) (¢A - ¢N) B (25)

Equating Equations (2L4) and (25) and solving for B yields
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zn(rA/rN)
A

(zyp, = Zyg) IN

gy - 2,020

For straight line surfaces tﬁe calculations involved in solving for B are
explicit, otherwise numerical procedures are employed.

Using the equations developed in the preceding part of this subsec-
tion, a solution for an incompressible field can be obtained by griding
the field into a nodal network, writing a mass balance for each node
assuming p = constant, and solving the resulting set of simultaneous equa-
tions for the velocity potential. Since the problem is subsoniz, a com-
plete set of boundary conditions must be specified. These boundary condi-
tions are some set of known potentials, known mass flow rates, and zero
flow rates normel to the axis of symmetry and solid boundaries. Figure
3 is a schematic of a nodal grid of a field containing an axisymmetric

inlet. .

An autcmeted iterative cycle is used to extend this technigque to the
solution of compressible fields. The steps are:

(1) Set up the probtlem with p = constant throughout the field as a
first approximetion. ‘

(2) Solve the set of simultaneous mass balances for the velocity
potential field.

(3) From the potential field calculate the density ratio, velocity
magnitude, and flow angle at each nodal point using

1
o G
L. s 1 . (Y"l) '\ 2 Q1 .

P 2 2
t ét

SRR
o=t [(62)/ )]

(L) Read the values from Step (3) back into the calculation and
reset the calculation to (2) generating new potential, velocity,
density, flow angle fields.

(5) Repeat the preceding loop until the calculation converges.
The potential function derivatives are obtained by standard numerical

techniques. The calculation is programmed on an IBM Model 360 computer.
The calculation of inlet pressure distributions and drags is carried out
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in a separate program on a CDC 6400 computer.

Two-Dimensional (Plane) Analysis

This two-dimensional analysis is limited to irrotational, inviscid,
adiabatic, compressible, steady flow. The approach is similar to that
used for the axisymmetric case, however, the differential form of the
continuity equation is used, leading to a second order differential equa-
tion in the velocity potential and a somewhat different form of the final
finite difference equations. The basic differential equation, in terms
of the velocity potential, obtained by combining the continuity equation
with the restriction of zero vorticity takes the form (see Reference 1)

O * ¢yy + P o+ ¢ypy/o =0 (27)
The density is related to the velocity potential @ by
1 ;

(y=1)(g2 + ¢2) | 7T
plo, = |1- S | (28)

2&t

The flcw field to be analyzed is represented by an orthogenal grid
and Equation (27) is applied in finite difference form at each node. As
in the preceding subsection, a node is defined as the point of intersec-
tion of two grid ret lines. Also, a3 before, a complete set of toundary
conditions is incorporated in the basic equation set. In the computer
program as written it is necessary that the nodes be equally spaced in
the x direction. The total number of nodes used depends on the available
computer core size.

Finite difference forms of Equation (27) have been derived for
various types of grid spacing, body surfaces, and boundary conditions.
The basic requirements, as seen from Equation {27), are finite differ-
ence approximations for the derivatives of velocity potential and dGensity
with respect to coordinate direction. The following presentation is
limited to the development of two typical equations with the remainder
of the necessary set presented without proof.

Derivation of the Finite Difference Equation for A Central Field
Point - Referring to Figure U, the first derivatives of the velocity
potential in finite difference form are given by

8, = (B -8, /(8 + 8, 7)

(29)
¢Y * (¢i+n - ¢i-n)/(61+n * 6i-n)
The second derivatives of the velocity potential are given by
Bux = 2 1 (814179,)/844) - (8,0, )/6i 1} /(85 1%8 )
(30)
¢yy = 2 ‘(¢1+n-¢i)/61*n - (8-, ) }/(61+n i-n’
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Similarly the first derivatives of the density are given by

-6

Pp = (Pygg = P31/ (8500 = 85 3)

- by M8y, =8, )

(31)

Py = (oi+n

Now substituting Equations (29), (30), and (31) into Equation (27) and
using

i+n i-n

2
x = (Paag m ey )/ (640 + 85 )%,y

2
"

(32)

2
Y (pi+n - pl-n)/ { (61+n * 6i-n) pi}

to
]

we obtain
Biop {208,y (6%, DI+ R} + 0, ) |2/l8, (51+1 1) R b

‘2/[6 (6' *+S5 )] * Ry} * ¢i-n { 2/[6i-n 1+n l n)] -R } *

i+n i+n "i-n

{ -2/(8;,178; 1) =2/(8 =0 ' (33)

i+n.6i—n)}

Derivation of the Finite Difference Equation for a Body Point with
Positive Surface Slope, Surface Facing Top of I'ield - Referring to Figure
5, the flow direction at i is defined as @, thus

v, = (ve),
u =V.is= IVi|co§0 =0 (34)
v = VE-J = [V;|sin9 ='¢y

Therefcre,

2
(¢x)i (8,41 - ¢i_l)cos 8/2

(35)

(¢y)i (8 - ¢i_l)sin0cosé/2

i+l
To obtain the finite difference expressions for the second order deriva-
tives of @ and the first order derivative of p, a value of @ and p is
interpolated between nodes i+n-1 and i-1

/8 + @ (L -6, /8 )

* 3 .
¢ ¢i-l 6i+n i+n-1 i+n-1 i+n’ "i+n-1
(36)
P* = 0y 18 en el * Prencl (1= S5un/Sienan)
and
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o =2{(8, -8, )/2cos’0 - (d-9%)/8, } /8, .

(8,1 - #,_,)/2 sinocoso } /s

i+n = i+n

o, =21, -9/

P ™ (oi - o*)
Py = (0y4n = 04)/8440 (37)

Substituting Equations (35) and (37) into Equation (27), we obtain

2 2
Bipy (Ky) 40 (K /80 ) -k 1+p, [1/67 1+
2 2 2 .
Bonor (1K) /67 11 + 8, (-2/67 ) - 1/87, 1= 0 (38)

where

-
L]

L = leos® {176, ) + B } - otnvcoso {1/6,,, - R } 18y, + 4y

i

Ko = 8ian/844n1

R = [oi -0y 1.5 - °1+n-1(1‘K2)]/(91'61-1)

Ry = (p1+n - °1)/(°1°61+n)

Finite Difference Equation for a Body Point with Negative Surface

Slope, Surface Facing Top of Field -

[2/62, 1+

bl - K1+ 9, K]+ i+n

i+n
-2
B, yneg [20-K,)] + @, [-2(672 +1)] = 0

with

~
[]

1 coaao[l-Rx] + sinOcosO[GIin-Ry]
Ky = 8, 0n/84am1 g

Ry = (°1+h - oi)/(2ﬁi+n-oi)

Finite Difference Equation for a Body Point with Positive Surface
Slope, Surface Facing Bottom of Field -
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2
[,k ]+ 8, (K )+ 9, [2/62]+

1+l
(ko)
0, 0 [201K)] + 9, [-2(1 + 672)] = 0
with
K. = cosaO(l-R ) - cosOsinO(G-l +r.)
1 X i Ry
Ko =8;/8101
R = [oy_,,(2-K) + Py Ko = @ ]/2pi
Ry = (p1 - pi_n)/QGi- P

Finite Difference Equatioﬁ for a Body Feint with Negative Surface
Slope, Surface Facing Bottom of Field -

Ba1(K) + 8, g1,k ] 40, [2/67) + ,
k1)

8, ., [20-K)] + 8, [-2(1 + 6791 = 0

with

2 ' 1
K, = coe"0[1+R ] + sinécos@[s, ™ + Ry],

1

Ko = 8,78,

Rx = [pi - pi-n-l(l-KQ) - Di_l K2]/201

Ry = (oi - oi"n)/%i'pi

Finite Difference Equation for a "Stagnation" Eggx Point = Since the
inclination of the body downstream of the "stagnation" point is arbitrary,
provision is made for using interpolated and extrapolated values for the
downstream value of velocity potential to be used in determining the x-
direction derivatives, Referring to Figure 6, the "£" factor in the
following equation reflects the selection of the appropriate downstream
value,

9 1(1-R 1+ 9, [KoR 1+ 0, (KR ]+

[f(l—Kl)K 1+¢, _[r K1K5] + (L2)

i n+l i+l

¢ ((1-r)(1-x2)K5] + ¢1+n+l[(1-f)xéxsl .

i+2n+l

“1['2'K6'K7] =0
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with

K, =6,/8

1 1" i+l

(6g4n * S142n)/S140n01

]
L}

Re = [pypuy (1K) + 0y Ky -0y g M/bey

K, = 2/(5i+n + ci)

Finite Difference Equation for a Body Point Immediately Downstream
of "Stagnation'" Point on Surface Facing Top of Field =~

[2(1k,)] + 9, (2] + ¢i+n[2/6fm] +

i+n 1
(43)
%, n- l[ K, ]+ ¢1+1[K ]+ 8, [-2(1 + 6 )] =0
with
K = c0820(1+Rx) - cosOsinO(l—Ry)
Ko = Sian/S14n1

Re = [py = Pyyp1(2-K5) = oy 1K51/204
R = (pi+n - pi)/(2p1'61+n)

Finite Difference Equation for a Body Point Immediately Downstream
of "Stagnation" Point on Surface Facing Bottom of Field -

(k) + ¢

[-Kl] + ¢i[-2(1+a;1)] +

i+l i-l+n

2 (4b)
ai—n[z/éi] + ¢i_n_1[2(l-K2)] + ¢i_l[2K2] = 0
with
K1 = coszo(liﬂx) - costin9(1+Ry)
Ky = 6;/8; 4
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R, = [°i - °i-n-1(l’K2) - pi_lxal/Zpi
Ry = (Di - pi-n)/(z‘)i.‘si)

Finite Difference Equation for a Field Point with Node "Line" of
Positive Slope (Figure T) -

¢i+n[K6+Ry] + ¢i-n[K7'Ry] + ¢i—1[K10K9] +

(K.K ] + (45)

(K1 yKsT + 8,4y (KKST + 8, 4[5

¢i+l-n

¢i[-2-K6-KT] =0

~
[ ]

1= ¥y 1788 14n

e
]

s ® V=¥i41.0)/854100
2/(s

K5 =] + Rx

i+n * 61)

~
=
"

i+n
KT = Kh/di

K9 =1 - Rx

KlO = ] - 1\1

Kll =] - K2

R, = (pyy1-nK11 * P142K0 = Py1%10 = Pio1e

K1/ b0y
' 2
B, = (Pyom = Py /(6 + 8i4n) /P4

Finite Difference Equation for A field Point with Node "Lipe" of
Negative Slope -

Bronsy (K] + 85, (K K1 + 8, (K Kg) +
By n1lKigKgl + B p(KgrR T + 0, [KG-R ]+ (46)
g, [-2-KgK ) = 0
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with
K) = (=g n1)/85

la]
L}

2= 933401 /840mn

Kh = 2/(61+n +48.)

1
KS =1+ Rx
Kg = Kh/6i+n
Ky = K/8,
K9 = l-Rx
KlO = l—Kl
K ) = 1-K, .

Re = (P 5ans1510 = Pian-150 * Pyneafi1 * 0341K0) /b0y

2
Ry = (pyen = P3p)Ky oy

Finite Difference Equation for Caljbration Nodes (Figure 8) -

3,(0.5) + 8, _o(<0.5) = V[2-(p,_1/p,)] (u7)

Finite Difference Equation for a Point on a Constant Velocity Poten~
tinl Boundary (Figure 9) -

Bioa[1eB) + 0y LR )+ 0 DR D+ @ [-h) = g [-1em, ] (48)

with
R = (oi+1 - oo)/hoi
Ry = (ci_m - oi_n)/hpi

Finite Difference Equation for a Point on a Constant Velocity

Boundary (Figure 10) -

By (1R, + 8 [1RT+ g, (1R ]+ 9,[-4] =

i-n

(9 + voxll1+r ) - (49)
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witb
Ry = (pyyy = py_y) /by

Ry = (o = py_ ) /b0y

Application of Finite Difference Equations - The appropriate finite
dirference equation from the preceding listing is applied to each node of
the flow field to be analyzed. Thus for a field with n nodes there will
be n equations in $; through @, and pj through pp with § and p related by
Equation (28). Similarly to the axisymmetric analysis, the solution pro-
cedures takes the following steps:

(1) The density field is assumed to be constant at the freestream
value.

(2) The n simultaneous equations are solved to determine the velo-
city potential at each node,

(3) The density at each node is determined from Equaticn (28)
using the velocity potential fieid.

(4) The field is iterated, obtaining repeated solutfons of the
potential field with the current density field until the
density field converges. .

(5) The surface pressures are obisined on the remps and cowls and
the inlet drag is calculated from (Figure 11)

.2 3 5
D= s (P-Po)d.Ax + S (P-Po)dAx + S (P-Po)dAx +
1 1 b
L L " (50)
S‘/ (F-P_)an_+ S pvias - V°S pYAA_

3 3 3

A typical nodal network is shown in Figure 12. The analysis is
presently programumed for the CDC 6400 computer with a case time of

approximately 1% seconds.

DISCUSSION

Comparisons of the results of the axisymmetric analysis with inlet
(additive plus cowl) drag and cowl pressure distribution data from Refer-
ence 2 are shown in Figures 13 through 15. As seen in Figure 13, the
cowl pressure distribution is accurately predicted. In Figures 14 and 15
the shape of the theoretical drag curve is taken directly from results of
the axisymmetric analysis, however the level has been adjusted at the
maximum (choke) flow position. This adjustment was carried out by calcu-
lating the drag at the choke flow value using analytic pressure
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distributions On the cowl and innerbody and one-dimensional stream thrusts
at the leading edge of the innerbody and the inle: station rather than
stream thrusts calculated by integrating the results of the analytic pro-
gram. A complete discussion of the reasons for this - stment and more
complete comparisons of theory and data are ziven in r . rence 2.

Compurisons of the results of the two-dimensional analysis with addi-
tive drag data from Reference 3 are shown in “igures 1& and 17. Excellent
agreement both in level and trend was achieved.

The calculation limit of the programs is set by tle point at which
the irrotational assumption bresks down, physically at the point at which
saocks must appear in the field to satisfy the boundary conditions.
Results to date indicate that supersonic "bubbles" may occur in the field
and still permit convergence. The first appearance of shocks usually takes
place on the exterior of the cowl, the Mach number depending on the mass
-flow ratio. Low mass flow ratios lead to strong expansions around the
cowl lip and to flow breakdown at relatively low freestream Mach numbers.
Each calculation is to some extent unique and no general statement of the
limits of calculation can be given. For the cases run so far, valid re-
sults Lave been possible up to Mach numbers of approximately 0.85 at high
mass flow ratios.

A feature of the two-dimensional program that has not been satisfac-
torily explained to date is e discrepancy between the mass flow at the
cowl lip and duct stations further downstream. The mass flow at the down-
stream duct station is input as a boundary condition. Calculations are
carried out in the program giving the mass flow at the cowl lip station.
Obviously these mass flows should be the same, however, in practice they
are somewhat different. It is thought that this discrepancy is a func-
tion of grid size and choice of node location. It is plenned to investi-
gate the effect of thece variables in future work.

There is alsc an interesting question involved in determining how the
fiow angles at the leading edge of the cowl and innerbody should be cai-
culated. "For other body points the flow angle is taken as the body angle
and for field points as the arctangent of the velocity components. Var-
ious methods have been applied to the body and cowl leading edge points.
Fortunately the choice of method has little effect on the drag results
although the perturbation of the local field properties may be severe.

CONCLUSIONS
(1) For axisymmetric and two-dimensional subsonic potential flow,

methods have been developed to calculate the flow field surrounding
arbitrarily shaped bodies.

(2) These methods have been programmed on high speed computers and
applied to the calculation of inlet pressure distributions and drags.

(3) Good agreement with experimental data has been achieved and the

techniques are considered superior to existing methods for estimating
inlet drag.
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SYMBOLS
speed of sound
aree
mass flow rate
pressure
velocity
coordinate distance of a node to its neighbor
ratio of specific heats
gas density
flow angle

velocity potentisl

Subscripts

t

Yy
i

i+l, i+n,
etec.

total conditions

freestream conditions

general coordinate direction

area available for mass- transfer

left direction

right direction

above direcfion

below direction

first partial derivative with respect to x

second partial derivative with respect to x
first partial derivative with respect to y

second partial derivative with respect to y

ith node

refers to node with number corresponding to subscript
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Figure 1 Typical Axisymmetric Nodal Network
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Figure 2 Geometry for B Factor Determination
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Figure 4 Central Field Point
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Figure 5 Body Point with Positive Slope
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Figure 6. “Stagnation® or *‘Lip"’ Point
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Figure 7 Field Point with Node ‘“Line” of Positive Slope
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Figure 8 Calibration Nodes
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Figure 9 Constant Velocity Potential Boundary
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Figure 10 Constant Velocity Boundary
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Figure 11 Control Volume Used to
Determine Inlet Drag
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Figure 12 Example Nodal Network for Two-Dimensional
Subsonic Inlet Drag Analysis
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Total inlet drag coefficient ~ C,

Figure 15 Comparison of Predicted and Measured Total Inlet Drag Coefficient

Axisymmetric Inlet
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Figure 17 Comparison of Predicted and Measured Additive Drag Coefficient
Two-Dimensional [nlet
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INVESTIGATION OF INTEGRATED BOOSTER-SUSTAINER-AFTERBODY
DESIGN ON OVERALL VEHICLE PERFORMANCE

H. H. Korst
J. S. Divita

Rocketdyne Division
North American Rockwell Corporation

ABSTRACT

Missile afterbody (boattail and base) drag has been investigated as related
to overall misaile performance. For a configuration with separate booster and
sustainer rocket engines it is shown that the engine package design must be
integrated with the afterbody design to achieve the minimum afterbody drag. An
annular bell booster with a center mounted sustainer was found to allow the best
overall integration of engine and missile for the minimum drag configuration.
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SUMMARY

Missile afterbody drag has been investigated as related to installed
booster-sustainer engine designs. For the particular ‘configuration
investigated (center engine sustainer engine with annular bell or bell
cluster booster around the sustainer) it has been shown that engine
package design must be integrated with the missile airframe (boattail)
design to achieve minimum afterbody drag over the range of operating
conditions for the missile. A large base diazeter (nesded for a cluster
of booster engines) resulted in little or no boattailing and an overall
high afterbody drag during sustain phase. On the other side an annular
bell booster resulted in a smaller base diameter and a lower afterbody
drag giving a considerably larger net thrust available for acceleration.
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1. INTRODUCTION

Boost-sustain propulsion systems achieve their high performance character-
istics through thrust level control to combine capabilities for a great
variety of missions with favorable energy managemsnt conditions.

When the booster motor remsins an integral part of the missile after
termination of the boost phase, the operation of the sustainer motor in

& large base area usually gives rise to high levels of jet-on base drag
which can be of the order of 50% of the total missile drag. (Reference l).

Design of a propulsive system must realiatic;lly be based on considerations
which include both the propulsive forces generated by the jets and the drag
experienced by the entire aft?rbody as a consequence of external and internal
aerodynamics, as well as by Jet-alibatream interference.

One expects that enorgy management will have to be cognizant of both the
grosa thrust (rocket motor and nozzle design) and the afterbody drag, com-

bining them into the analysis of the pet propulsive force of the engine(s)
installed into the aftor--body and subjected to various intsrnal and extsrnsl

operating conditionz. (Ruferencs 2),.

In recognition of the need for providing design information for installed
engine performance, extensive experimental programs have been carrlied out,
(Reference 3) often as an afterthoughtto improve the capabilities of ex-
isting systems.

On the other aide considerable progress has been made in developing comprehensive
computer programs which permit a reasonably accurate evaluation of the net
propulsive force of entire afterbodies under various operating conditionms.

(Reference 4).
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2. UNIVERSITY OF ILLINOIS — AMC COMPUTER PROGRAM FOR INSTALLED
PERFORMANCE OF PROPULSIVE JETS ~

A physically perceptive flow mocdel, developed earlier by Korst, et al,
(Reference 2) serves as the basis for the computer program. The overall
flow model for the inviscid-viscid interaction of a propulsive jet and the
external slipstream near the base region is delineated into its inviscid
(method of characteristics, eugmented by wave coalescence and shock routines)
and viscous componeats (jet mixing). Satisfying the principles of con-
servation of mass and energy for the wake with special attention given to

the pressurse rise corditions near the end of the wake (semi-empirical modif-
icetion through & "recompression coefficient"”) yields unique solutions for

vake (base) pressure and temperature.
2.1 INVISCID SQLUTION

Por any giﬁen initial condition at the exit of the nozzle, the program
calculates the primary jet plume flow field for any selected (constant) jet
gurfuce pressure (wake pressure). Wave coalescence routines are included
in the program. The external [low past the afterbody expands at the point
of separaticn and forms a free Jjet boundary having a coratant pressure
(wake pressure) up to the impingement point with the jet plume. At the
impingement point of the two free jet boundaries, a shock asystem is devel-
oped such that the flow is sligned along a slip line having continuous

static pressures across it.

It shall be noted that the inviscid program does not produce the wake pressure
but uses it parametrically.
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2.2 VISCOUS MECHANISMS

The viscous mechanisms together with the "inviscid solution" determines

the wake pressure and temperature. Of particular importance are details

of the flow profiles developing in the mixing regions which extend from the
points of flow separation toward the impingement point. Such information is
available (Reference 5) in tabulated form, but for the sake of convenience is

generated internally in the PROGRAM.
2.3 JET SLIPSTREAM INTERACTION

Conservation of mass and energy must be preserved in tlte wake. -This is
accamplished by accounting for the in-and-outflow of mass (and energy)
between the respective "szero stresmlines” (jet boundary streamlines) and
stagnating (discriminating) streamlines of the impinging jets. The stag-
nation pressure for the discriminating streamlines is ~z_'nal,n'c.ocl to the terminal
pressure rise resulting from the "inviscid solution" bj a recompression
coefficient, The latter, originally equated as unity, has been found to pro-
duce more accurate results when expressed as a functiocn of the jet-tu-~-base
diameter ratio in the form:

RECOMP = 0.4867 + 1.1293 (Y2;) - 1.0708 ("2p)? + o.u9m(T2)’ (1)
Y, T, Y,

In the wake, the conservation of mass can be expressed by:

Gy + Gy +Gp=0 (2)
Where G is the mass bleed into the wake and GI, Gs are the masa rates
carried within the mixing regions betwsen the streamlines j and d, for flow I
(primary jet) and E (slipstream) as the impingement point is reached.
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Using the mass of the primary nozzle flow for a reference, one obtains:

GB=_1+cosﬂ 'I! mixy P ZYI 1
Oy-1 1 Ty Ty P VN [oy ( M, )
+1
T\ ¢ 2
1
AX T
. [f1p-T, ) * mix, 03 oo Tz R / -1
I 1 Iy Axn:Lx., 7E T°E 1 RE\‘&']‘
c. [1, -1 ~ (BASED O REFERENCE 2) (3)
Ll N |
E\ E E .
In simila.r fashion, an energy balance gives
Eg+ B + B =0 (&)
- and again using the energy of the primary nozzle as a reference in the form

Eltal cpI TQI

EB - - ZL+c¢:s!s '-!'_iilg

mix P' , 21
-1 1 T2y Tz = 11—2—)'1_/"5
i+ 1-c
A 1.5
c, (1, _Ts 1 “1 /“x °1-: ( )
[ 1 (3,,1 Toy 1"1) A AXatxy el

c‘zE <I3n3 - ?11_ Il"r:)] (BASED ON REFERENCE 2) (5)
op :




2.3.1 Zero Bleed Solution

In absence of mass bleed and energy rddition to the wake, both

Gp * G ana B+ Eg
Gy_1 By

will be simultaneously equal to zerc.

The Program {"iads this solution by iterative procedures, for base pressure
ratio (PB/?Z ) and the wake temperature ratio (T /'1'01)

2.3.2 Mass and Energy Bleed into the Wake

Since the Program can be called on to prodnc; the results cf the iteration
steps, one can evaluate the influence of mass and energy bleed .on the basa
pressure and base temperature. FPinally, the mass bleed ratio (GB/GH I) and
the energy bleed ratio (EB/"‘ I) will be related to each other by

% = 2

n———————

Gy.r  Eyp

if the bleed is accomplished by a mass diversion from the primary jet
combustion chamber,

2.4 BOATTAIL PROGRAM
The external flow past the afterbody is analyzed with the help of the
Boattail Program. It utilizes the method of characteristics for supersonic

flow (also accounting for vorticity due to viscous effects), including wave

coalescence routines.
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For a given initial flow condition the program calculates the entire flow
field up to the end of the boattail (which it approaches accurately by an
iterative process). The surface pressure distribution and the wave drag
coefficient are determined together with information on the flow conditions
at the end of the boattail. The latter becomes an input into the Base
Pressure Progran,

Pressntly the Boattail Program is specialized for conical, parabolic and
ogive shaped boattails. It also can be utilized for corresponding flares.

2.4.,1 Boattail Program Imput-Output

Drag calculations on the missile boattail and base are performed with the

aid of the computer programa. The firsy of these calculates the pressure

dist *ibution and pressure coefficients along the sfterbody surface. Quantities
needed as "input to this program are (see Figure 1):

1) [ £ -  ratio of specific heats for external stream

2) le ~  approach Mach number to boattall

3) HSHAYPE ‘ - féctor which determines the boattall shape; oglve,
paraboiic, or conical

4) X13 - boattall axial coordinate at station 1

5) Ilg - boattail radisl coordinate at station 1

6) Py - initial boattail angle

7 x2E - boattall axial coordinate at station 2

8) 1, -  Dboattail radial coordinate at station 2

E (not needed for conical case)
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The program first calculates a left running characteristic line from X

for uniform flow at Mach number and parallel to the missile axis.
:ﬁ%: flow is then expanded by a Prandtl-Meyer expansion fan through the
angle ‘35 and a characteristic net is calculated to the boattail surface
until station 2 is reached. Properties along the surface (X, Y, Mach number,

P/Pl and C are determined. The surface pressure is integrated ard

P
(local)
an overall drag coefficient is calculated where:

CD ﬂ orce 2
BT sP M2 (o, T

Finally, the left running characteristic line from 125 Rz is determined
for use in the Two-Stream Base Pressure Program.

2.5 BASE PRESSURE PROGRAM

The Base Pressure Program takes the information generated by the Boattail
Program to define the condition of the external flow as it reaches the

afterbody base,

Initial conditions for the internal Jet flow sustainer are chosen as eiiher
parallel ocutflow, or conical source flow or could be introduced from more

general nozzle programs by specifying and matching flow conditions along
characteristic or noncharacteristic lines at the nozzle exit.

Centered expansion fan subroutines for expansion around points 2E and 2I
(see Figure 1) also capable of handling moderately strong shock compressions
precede the calculation of constant preasure free jet boundaries, and the

viscous mixing processes.
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location of the impingement point of the two jet boundaries is investigated
from the viewpoint of gecmetrics and physical limitations imposed.

Recompression of the inviscid flows is presently restricted by the condition
of regular shock intersection of the "weak" variety.

The use of semi-empirical recompression coefficient has been mentioned
before but equation (1) has not been made part of the computer program so
that the determination of RECOMP remains an input.

It is noteworthy that the iterative approach which bounds the zero bleed

solution can be used to extract the infiuence of mass and energy addition
~to the wake (see also section 3.3.1).

2.5.1 Base Pressure Program Input-Output

A Two-Stream Base Pressure Program is used to calculate the pressure, PB’

at the base of the missile and, thus, the base drag. The external flow can
be specified as either uniform flow parsllel to the uissile axis (no noattaﬂl)
or as a previcualy calculsated sharacteristic line.

Internal flow is specified as either uniform flow parallel to the axis or

source flow at a given conic angle.* Speciric‘inputé to the program are as
follows: (see Figure 1) :

1) le -~ nossle exit axial coordinate

2) RZI - nozzie exit radial coordinate

3) A 1 - nozzle conic angle (= O for uniform flow)
in degrees

"# Present program modifications will allow an arbitrary internal flow field
specification,
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L)

5)
6)

7)

8)
9

10)
1)

12)
13)
)
15)
16)
17)
18)
19)

20)

.

343

nozzle flow gas constant, s S

lbn -°R
nozzle flow ratio of specific heats

nozzle flow exit Mach number

1o, -t
lbn -°R
external stream ratio of specific heats

external stream gas constant,

ratio of external stream stagnation
temperature to internal stream stagnation
temperature

recompression factor

= 0, no afterbody, program assumes uniform
flow at K, parallel to axis; > O afterbody,

program uses left running characteristic
line input to program for external flow
fie’d.,

= .] prints out only final base pressure
for O bleed case

axial coordinate at station 2 (use only
if NSHAPE = 0)

radial cocordinate of external stream
at station 2 (use only if NSHAPE = 0)

approach Mach number to external stream
(use only if KSHAPE = 0)

number of points along the inmput charscter-
istic line (use only if NSHAPE >0), 30 max.

axial coordinate of first point on
characteristic line

radial coordinate of first point on
characteristic line

critical Mach number of first point on
characteristic line

flow angle at firat point on characterilatic
line - degrees



21) xz

22) !2
- second point on characteristic line

23) M»

2

2) o,

132) Xn

133) !n

13,) M* - last point on characteristic line

n , y .

135) O

The program finds the zero mass and energy bleed (into the bese region)
condition by an iterative process. A value of PB/P2 is assumed and the
internal and external jet boundaries are calculsted. Temperature vazlues in
the base,.TB/TOB, are assumed and the base pressure caliculations b&rtormod

by the methods of Refersnce 2 until the mass blead into the bass ic zsvo.

The operation is continued judiciously chkocsing walues of Pﬁ/Pz and TB/TOE
T

until both mass and energy blsed are zero. Thus; not only the'iero bleed
base preasure 1s available but also other values used in the iterations.

The output of the program consists essentially of the shape and intersection
of the two jet boundaries, information concerning the shock system at the

intersscting point and the current values of PB/PZI; TB/T , mass bleed and

energy bleed. E
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3, PERFORMANCE EVALUATION OF A TYPICAL NOZZLF=BOATTAIL ASSEMBLY

3.1 SUSTAINER NOZZLE FLOW

Design conditions are:

P

°1
Propeliant
Mixture Ratio
Ratio of Specific
Heats, 3’1 -
Molecular Weight
Sea Lavel Thrust

Area Ratio, € .

1200 psia

Compound A mur5

2.6
1.295

23.16
4,000 lbr

3.5

3.1.1 Conical Noszle, 15° Wall Angle

T, = AZIJ- Py, [(1

and
A
2 P
b SO U
A*® P A® P
g s oy
where

_Pee )+ o2 ] (6)
P 1
21 :
1-Foo P°I + 7 2
P, 714 1”21 (7
1 91
(8)
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A
Z1ve 2 = 3.56 © (8)
AR 8] + cos ’I
so that
. TV X P /P, 2 ‘
T - L ‘1 4 (1- 1 + TN (9)
A® P A* P P ;P 1
oy A21 s 0; i 2I o1 \
with
P2 A2
1 and Hzl evaluated at _7I
P : A®
o1 s

With the help of equation (8) one finds, for the present case

= 2,662 :
Hzl o

and, froam equation (9)

A = 2,227 in.?

so that A2 = 7,79, in.2 and the exit radius of the sustaincr nozsle
I
will be

!2 = 1,575 inches
1
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3.1.2 Noizle with Parallel Outflow

While principally unattractive due to length - weight conaideration, the
100X bell nozzle serves as a (limiting) example for a tradeoff between
optimum gross noszle thrust and installed performance.

By letting cos ‘BH = 1, one finds

)¢

> = 1.563 inches
I

parallel
flow

3.2 AFTERBGDY CONFIGURATIONS

For a fixed position of the sustainer noszle in the axis of the afterbody,

the choice of different booster nosrle configurations will determine the

base diameter of the afterbody. A given miseile diameter and design features
of actuating valves for the motors will give additional goometrical constraints
on the afterbody configuraticn.

The predomirsnce of the base drag in a sastainer-boostar arrangement over
other, only modifying influences, such as nozsle divergence losses and internal
noszle friction losses, makes it imperative to give prime attention to such
measures as boattalling and base bleed as means to arrive at optimum design

" decisions. This will be clearly borne out by the following studies, utilizing
the University of Illinois - AMC Programs after they have been adapted for

the IBM-360 system at Rocketdyne. :

For the present study, it was anticipated that a boattail length of 13 inches

could be accommodated and that nrious design options for the booster arrange-
ment produce base diameters of 10" < 2! < 13" (the latter corresponding to

347




a cylindrical afterbody). It was, therefore, decided to select the following
afterbody geometries.

Configuraticps 1 2 3 4 2

Y 6.5 6.5 6.5 6.5" 6.5"
1 : "

Y 6 . 5u 5 . 75n 5 ,on 5 . o 5 . 75n
x |

Bg 0 -3.3"  -6,58"  -B.25" 0O

A _— 13" 13% 10 —
xEl-Z }

T, 1.575" 1.575% . 1.575" 1.575" 1.563"
I N

B; 15° 15° 15° - 15¢ 0

Configuration 4 serves as an illustration for the effects of shortening tha
boattail if future development of the motors should zllow. '

Configuration 5 was studied for ths discussion of trade-off beiweern nozzle
divergence losses and installed performance gain for the 15° cone as compared
to a 100% bell nossle.

3.3 APTERBODY DRAG CALCULATIONS

Afterbody drag will consist of two major components

(a) the boattail drag
(b) the base drag
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The Boattail Program determines the former by calculating the boattail drag
cocefficient.

Y 1
lg
Y Y
(b, -P)2YTay 2 (1-P2,) 3 ¢ ()
Y 1, /yl 1 1
an = ZE 5 - E B
T P ¢ 2
= —~5
z Vo N 7 z Mo
80 that the boattail drag can be found as
2 r 2
a C. b 4 ﬂ/ - M P (11)
DBT DBT lE » 2 P oo

The value of PB/P°° cen be found from the Base Pressure Program so that the
drag force is: ’

P _ |
by = 4 F, (1“1%;) (12)
whsre
PR
- Y - Y
A % " 'y

In case of basc bleed, one also has to assesa a penalty for the loss in pro-

pulsion force if the bleed meas is diverted from the combustion chamber of the

sustainer nozzle. -

If the masa bleed is accomplished such that no effect is felt on the after-
body drag, a net afterbody thrust gain coefficient can be defined

ry -7,
ac, - B ‘%'0) (23)
n
‘loo 8)0tal id
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where PABL is the jet thrust minus base drag force in the presence of bleed,

while rA(BL = 0) is the corresponding force without blesd.

PlBL accounts for the loss in jet thrust as well as for the reduction in base

drag, due to bleed.

ia is the mass rate of propellant generated in the sustainer combustion chamber

Y -1
=)
YI) P, 1
Vial = V% T B 7 -1/ 5")
°1
P
- -}
and Vi+1
T, -1
. Y { I Po
: - a" I 2 1
84otal s VBrg, \Ip+1 T
[}
1
In terms of the operating parameters one arriées at
AN
. [p 5\
2
7 P
A, P_. s oI
total _
{ 4+l YI +1
: -1 - > -1
. KI-1(Y+1) I Yll(f+1) 1
L P 772 TR N P 2
I P I L e 1
AP Vo= 1 RS I- 1
8 O ——e 8 1
1 P Y
P P
1-{= J L 1 ==
F P
°1 - 1
Py Py
( BL _ __(BL = 0}
P P

(14)

.(15)

(16)




and by multiplication by a’total vid’ one obtains the net increase (or decrease)
in afterbody thrust due to primary jet chamber bleed.

The relationship between (mB/thotal) (mass bleed ratio) and (PB/PO,) can be
found from the bleed ratio - energy ratio relationship listed in the Base
Pressure Program printout of the iteration process as it seeks the zero bleed
solution. These values can then be plotted in a bleed-ratio vs energy-ratio

diagran.

Intersection of individual (PB/P;o) = constant lines in this diagram with the

G E
B B
—m = m=== line
Gy 1 Byt

produces the derived (?B/Pao) va (GB/GN-I) = (aB/a'to+al) relation needed in
Eq. 16.

It is of interest that experimental evidence is available to compare our

computed results for mass bleed effects.

Shown: in Fig. 2 are experimeantal data obtained for similar afterbody geometries
Refs. 3 and 4 and the thaoretical resultas for configuration 1 at an external
Mach number of M_, = 2.5. Agreement ia quite good.

We wish to stress, however, the need for viewing the pet rather than the grogsg
effect of bleed as expressed by Eg. 16, where the first term represents the
decrease in available nogzzle thrust while the second term shows the gain in
installed thrust force due to base drag reduction,
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3.,3.,1 The Cylindrical Afterbody - With and Without Base Bleed !Booster-0ff)

Base drag calculations have been carried out for the following cases (all for

sea level).

Configuration (see 3.2) M
1* 1.5 | 2.0 | 2.5
2 1.5 | 2.0 | 2.5

*
including the effects of mass bleed)into the
base region.

The results of these calculations for configuration 1 are shown in Pig. 3
and clearly demonstrate the severity of the base drag.

It is also seen that the net effect of base bleed 1s rather small. As one
converts fhe change in CT‘ oo into drag force changes by multiplying it by
’

m v ( ~ 4190 1bf) so that
total id, ce

- D = AC n v ‘ ‘ (17)
‘bleed Tl,oa 8total id, e

one finds an optimum bleed ratio of ~ 3% corresponding to not more than

120 1bf gain. 43 shall be shown later, the base drag is indeed a major portion
of the overall missile drag and its possible reduction by boattailing deserves
prime attention while nozzle divergence and mass bleed remain rather secondary

considerations.
Improvement in nozzle performance (100%.bell, configuration 5) is offset by

a alight increase of base drag as the beneficial influence of jet divergence
on the jet-slipstrean interaction is reduced.
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It can be suggested that the choice of a nogzle contour which influences
optimization of gross thrust may become a rather involved exercise of limited
practical importance. Boattailing, on the other side, holds more promise.

34342 Boattailing

Bage drag and boattail drag talculation have been carried out for the following

cases (all for sea level).

Configuration (see 3.2) 2 3 4

Mo 2.5 2.5 245

Results are shown in Pig. 4 vhere total afterbody drag, composed of boattail
drag and base drag, is plotted againat the boattail angle & (comparing
configurations 1, 2 and 3). In addition, the shortenmed boattail of configur—
ation 4 illustrates the effort of staying within the limit of design constraints
while attempting to increase the boattail angle. There waa, however, no

improvenant over the results of configuration 3.

Blaed effects were found to be of almost the seme 6rdef ss for cylindrical’
boattails (~ 40 1bf per 1%) although the optizum bleed rate was found to be

leas (1-2%).
Bleed, therefore, is only capable of improving the inatailed thrust performance

in a rather limited way. Boattailing is a much more effective way of reducing
afterbody drag and should be realized to the largest posaible extent.
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3¢3¢3 Sustainer Thrust and Missile Drag

A cursory appraisal of the overall missile drag will illustrate the importance
of controlling the base drag contribution.

For the sake of simplicity the missile drag is here considered in 2 parts

a) forebody drag (nose and friction drag)
b) afterbody drag,

each of these contributions is evaluated for the gero angle of attack flight
attitude, and for sea level flight.

3+3¢3.1 Forebody Drag
For arriving at a rough estimate, wéifonsider a cone-cylinder configuration

a) nose cone drag, cone half angle
2 7 2 ,
N (@) ¥, = 1, | (18)

Noase Nese E

where CDFN (Hoo,ﬁiv) is readily available (e.g. Ref. 6).
ose

The following drag situation is obtained.

N_ 1.5 2.0 2.5

8., 15° 15° 15°

c 0.24 0.21 0.19
D’Noao

D - 1bf 738 1147 1622
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b) skin friction drag
One may estimate the skin friction drag by using boundary layer analysis for
a smooth flat plate in compressible flow and assigning representative equiva-~

lent fineneas ratios to the entire missile.

For sea level operation, one determines the Reynclds Number per foot as

6
Re = 7.0609 x10 * M

it
and computes the momentum thicimess at the end of the missile approximately
as (Ref. 7) :

T 1N +1 K+1
N+
3_-9;0- - [ =« (n)] . (Re__, Ylg) (19)
R -2
¥+1 N+2
(%) (;,f )
¥ oo

selecting N = §
o (N) = ,0085

as representative for the given Reynolds Number range one finds for (L/D) = 10
and since
¥ z'77’ ' (20)
- P X d @ 20
n’frict B Teo "0 °
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Mo 1.5 2.0 2.5

O" [~ 0107 00919 00608

DF 1bs | 200 308 416
frict

3.3.3.2 Afterbody Drag has been evaluated in section 3.3.2 and

D = D + D ('.' D ) .
A B Ap Ateed

3.3.3.3 The total missile drag, as exemplified for L representative (L/d)
ratio of 10 and a nose cone of 15° half angle emerges as follows (sea level)

DH ) DF * DA ) DF * Drfrict * D‘BT * D‘B (+ D‘bleed) (21)

Nose

and the missile drag summary (estimated) for configuration 1 at various Mach

nvmbers is listed below.

Mo . 1.5 2.5
Dy 937 2038
D, 1065 | 1390
AD (opt.) -120 =148
‘bleed

The drag situation for the 2ero boattail angle afterbody is critical as it
" reduces the available sustainer thrust margin for acceleration and every
attempt has to be made to improve it, as suggested in the section on boat-

tailing.
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For comparison, the overali drag has been calculated for configuration 4. 4
comparison is nade at iHach numbers 1.5 and 2.5 between contiguration 1

(/3 = 0) and configuration 4 (4 = ~8,25). In each case the overall drag
has been reduced on the order of 10 percent of the total sustainer thrust.
This is even more stértling when one evaluates the boattailing effect at

HlE = 2.5 on the thrust available for acceleration and maneuvering. Boat-
tailing almost doubles the net thrust available, These conclusicns are

demonstrated graphically in Figs. 5 and 6.

Ry §C(Mwn‘m;

%0\ H. H. Korst
Basic Studies Unit
Advanced Systems

Gack 4. Bov

Je 3. Divita
Basic Studies Unit
Advanced Systems

HHK:JSDsnw
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UFPER CALE

m:é:’ (=]

Q

3 =} = g,

o’-l

NOMENCLATURE

area
critical nozzle area

Crocco rumber, V/V nap, at inviscid jet boundary Mach
mnmber :

drag coefficient, (see equation 10)
cons tant pressure srecific heat

thrust coefficient (see equation 13)

drag
miesile drag

energy

mass / @)
4
suxiliary integrzl = ‘47,
AL, @<

Y %2

{Refsrence 2)
length
critical Mach number

exponent in equation (19) based on Reynolds mumber and
data from Reference 7

static pressure
gas cons tant
Reynolds number
static temperature

stagnation temperzture
theoretical thrust

velocity
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LOWER CASE

ideal velocity
axial coordinate

radial coordinate

dimersioral oconstant

mass flow rate
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GREEK

empirical factor in equation (19) based on Reynolds
number and data from Reference 7,

boattuil or mzzle wall ansle
ratio of specific heats
sustainer nozzle area ratio
momen tum thickness

similarity parameter for homogeneous coordinate
(Reference 2)
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SUBSCRIPTS
A afterbody (ircludes boattail and base)
B base
BL base bleed
BT btoattail
D discrimine ting streamline in mixing region (Reference 2)
E external flow
F friction
I internal flow ‘
J jet boundary streanline (Refererce 2)
N-I nozzle-internal strean
v ! nozgle wall
s secondary flow
oo free stream conditions
L perpendicular to mozzle axis
1 start of boattail
2 end of boattail or base plane
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4000 L0

Hl = 1.5

B
Sea Level

r— Sustainer Divergence Loss (68 1b)

————— o~y

3000 o

t

' Sustainer Net
Thaust = 4000 1b
Booster - off -

1b = Force

1000

N
N\

N\

N

} Reduction in After-

L optimm body Dreg by
Base Bleed

Drag Reducti \\
(120 1bs) Base
X

Boattailing (461 1bs)

777 /
Friction 1 ! Prictig
15°Nose 15%Nose | |
Cone l Cone '
8 =0 s = «8,25
x - 10'

Mgure 5, Influence of Boattailing on Overall Missile Drag, ']'R =15
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Hl = 2.9

Sea Level
r Sustainer Divergence Loss (68 1b)
4000 ~————— - T — — Sustainer Net
Thrust = 4000 1b
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) Reduction in
Afterbody Drag
‘mum by Boattailing
3000 ~ " Base Bleed AN (391 1)
\ rag Reduction \\ \\
: Baﬂe (148 1b) \
\\\\ /
iction
5 ° Forebody 15 o
1000 Hoae Ncse
Cene Cone
|
0
Beo g = -8.25
AX = 10"
Flgure 6, Influence of Boattailing on Overall
Missile Drag, HlE = 2,5
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369



PARADOX IN INTERPRETING INLET-ENGINE COMPATIBILITY
WITH HIGH RESPONSE INLET INSTRUMENTATION

C. E. Porcher

Propulsion Group Engineer
The Fort Worth Division of General Dynamics

ABSTRACT

High-response inlet pressure recovery and distortion
data have been obtained at the Fort Worth Division of
General Dynamics for an afterburning turbo-fan engine inscal-
lation on a high-performance aircraft, the USAF strategic
bomber FB-111A with the P&WA TF30-P-12 engine. The in-flight
instrumentation and data recording system, designed at the
Fort Worth Division, is a 60-channel, constant-bandwidth,
multiplex airborne system that is capable of an 800-Hz fre-
quency response and uses an IRIG B timing channel. Forty
high-response pressure measurements are made at the compres-
sor face, and the data reduction permits instantaneous time
8lices of pressure patterns to be observed over time inter-
valg as small as 0,001 second. Thus a distortion pattern
can be defined for a time interval during which the compres-
sor blades rotate through a 60° arc. Compressor-face distor-
tion values have been calculated as instantaneous values as
well as averaged values., Unfortunately, the engine is a
production-line model and as such is not equipped with in-
strumentation with response characteristics comparable to
the inlet, Consequently, compressor discharge and turbine
discharge pressures are recorded but cannot be correlated
with the engine-face pregsure changes to permit complete
analysis of the total inlet/engine system,

The most interesting data at the compressor face show
unusual pictures of large pressure dynamics in response to
engine power changes for both cruise and maneuver conditions
and for conditions of what may be clear-air turbulence at
high supersonic Mach numbers. It is surprising that the
engine can induce transients, through the inlet/engine
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combination, which result in extremely high compressor-face
distortions - some exceeding the estimated stall tolerance of
the engine. The high distortion appears to precede the engine
stall by a time increment equal to the estimated transport and
dwell time required to carry the distortion pattern to the
critical compressor stage (7th), However, the transient
engine condition which produces the high inlet distortion must
occur earlier, at a time when inlet distortions may be below
surge limits. The inlet instrumentation is thus inadequate to
positively tie down the "chicken-or-egg' question; hence, the
paradox. Our thesis is that, after much analysis of the data,
advanced propulsion systems requiring inlet/engine compatibi-
lity assurance must include appropriate high-response engine
ag well as inlet instrumentation to separate the inlet-vs,.=-
engine-induced effects. Use of the afterturning turbo-fan
engine makes this peoint critically important,

In this paper, we present typical flight test conditions
for (1) power lever chops from maximum afterburning at Mach
2.0 and 2.2, (2) an engine downtrim condition at fixed power
lever at Mach 2.2, (3) effects of weapons bay door operation
-~ at Mach 2.0, and (4) a high-g maneuver from 0° to 18” angle
of attack at Mach 2.3, Dramatic patterns encountered at
Mach 2.0 are attributed to clear-air turbulence which occurs
at fixed power lever conditions. Such data as these clearly
show through instantaneous pressure patterns, average and
individual prode PrMms, power spectral densities, and cross
correlation of cowmpressor-~face probes tnat both the inlet
and the engine may induce stall-producing patterns. Differ-
entlation of these events appears impossible in an effort to
agcertain whether the engine or inlet is the primary cause.

Dynamic simulation of inlet/engine interactions is
classically a powerful tool for analyzing the potential’
effects of transient conditions occurring with a coupled
inlet, inlet control, engine, and engine control propulsion
systems. However, unless adequate instrumentation is used
to define the necessary input data early, such programs lose
much of their value for potential problem solving.
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NOMENCLATURE

Afterburner

Jet Nozzle Area

Cross-Covariance Factor

Engine Pressure Rato - PT;/Hj
Freestream Total Pressure

Average Compressor Face Total Pressure
Hertz - cycles per second

Compressor Face Total Pressure Distortion Index
defined by Pratt and Whitney Aircraft

Compressor Face Distortion Index for 1/1000 Sec

Compressor Face Distortion Index Calculated from
Three Successive 1/1000 Sec Cuts

Flight Mach Number

Engine Low Speed Rotor Speed

Engine ﬂigh Speed Rate

Coméressor Face Total Pressure

Fan Discharge Static Pressure

Low Compressor Static Pressure

High Compressor Static Pressure :
Engine Tailpipe Total Pressure
Root-Mean-Square of Pressure Fluctuations
Power Spectral Density

Inlet Cowl Radius Reference
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NOMENCLATURE (CONCLUDED)

W, WTV6;é/5t2 Engine Corrected Airfloﬁ

WBD Weapon Bay Doors

X Spike Tip-to-Lip Dimension Along Sﬁike Axls

X/R gnégt Spike Translation Ratio Variable = 1,80 to

Subscripts

a’ Angle of Attack Degrees
91A. Spike First Cone Angle
0y Spike Second Cone Angle, 8%° to 26°
e‘z Corrected Total Ram Air Temperature
Sté ) Corrected Total Pressure

xS
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PURPOSE

During propulsion system development testing on the
FB-111A, a USAF strategic bomber prototype airplane, high-
response inlet data were obtained at subsonic and supersonic
conditions for both transient and steady-state engine power
settings and for both level and maneuvering flight attitudes.
The purpose of this paper is to review some supersonic inlet/
engine interactions that occurred during propulsion flight
testing. These interactions of a sophisticated, external-
compression, variable-geometry inlet and an afterburning
turbo-fan engine provide interesting compressor-face data
that show unusually large pressure dynamics in response to
engine power changes and maneuvering flight.

Through the review of these data some lessons can be
drawn relative to instrumentation, data recording, and data
analysis in defining the stall-inducing event and identify-
ing the engine or the inlet as the triggering mechanism.

How and why these events occur and how to predict them have
important implications on the inlet and engine development .
of future systems for both airframe and engine company o
engineers, o

DISCUSSION ITEMS

The discussicn items will cover & number of selected
fiight test events - some obtained by chance - which will
clearly delineate several aspects of interpreting inlet-
engine compatibility. The items to be discussed are:

1., Description of the FB-11l1A airplane inlet
system and instrumentation system. '

2. Selected flight condition for inlet/engine
compatibility study:

o Interactions at supersonic speed.
o Effect of engine afterburner lights. il
o Inlet stability.

o External inlet effects.
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3. Implications for dynamic simulation.
4, Recommendations for future systems.

As a prelude to the discussion, some of the most important
items that must be considered are:

o The dynamic inlet stability limit must be knowm.

o Engine airflow transients must be accurately
determined (40- to 100-Hz response in measure-
ments are indicated).

0 Inlet and engine instrumentation must be matched
and be capable of high response, at least to
800-1000 Hz, to properly address inlet/engine
interaction problems.

Reference 1 provides a comprehensive summary of the factors
and aspects of propulsion system compatibility. Our data
provides some good examples of events occurring in short

time periods, pointing up the problems discussed in Reference
1. :

We will describe briefly the FB-111A airplane, the
inlet system, the objectives of the propulsion flight test
program, the airborme instrumentation system, the data
acquisition system, definition of terms, and data acalysiz
procedures. Most of the data for review will be of the non-
stationary total-pressure type and will be concernad with
those events immediately preceding a stall-inducing event
within about 500 milliseconds (1/2 second). Where statis-
tical information can be obtained, data is checked for sta-
tionarity and samples of 3 to 5 seconds are analyzed.
References 2 and 3 provide a good treatment of the necessity
for obtaining stationarity of inlet data for understanding
dynamic pressure measurements. As pointed out in Reference
3, unsteady flow data have not yet been reduced to meaning-
ful parameters for understanding inlet/engine interactions.,
In References 3 and 4, discussions are presented on influ-
ence of the compressor flow on the upstream velocity and on
stat’ - pressure conditions. Neither the compressor-face
airfiow angularity nor the velocity have proved useful so
far in defining the distortion tolerance, although several
researchers have indeed pointed to possible effects.
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OBJECTIVES OF THE PROPULSION FLIGHT TEST PROGRAM

The objectives of the FB-11ll propulsion flight test
program were to

1. Establish the installed basic gas generator
performance and characteristics for airplane
performance confirmation.

2. Establish the installed rapid and slow tran-
sient and steady~state engine operational
characteristics and continuity of thrust
from windmilling to maximum augmented power
for the airplane flight envelope.

3. Establish the inlet-engine compatibility
with fixed and transient power lever condi~
tions during maneuver and cruise flight
conditions. '

4. Determine any unusual effects of speed brake
and weapon bay door and missile separation
on inlet/engine compatibility.

5. Confirm satisfactory operation of the auto-
matic air inlet control system.

'‘AIRPLANE DESCRIPTION

The FB~111A (Figure 1) differs from the F-111A tactical
model in that it has a nose stretch of 18 inches and modified
wing tips. In other aspects the airplanes are aerodynamically
similar except for the inlet, which is discussed below. The
FB-111A also has a modified landing gear for higher gross
weight, and a maneuver load limit of 3-g rather than 7.33 g.
Avionics differ because of mission requirements. Variable
wing sweep is the same, 16° to 72°, for both the bomber and
tactical airplanes. The bomber has two Pratt and Whitney
TF30-P-7 engines, which have greater thrust and about 6%
more supersonic airflcew than the TF30-P-3 engines for the
TAC airplane, The P-7 and P-12 are the same basic engine but
differ slightly in the fuel control configuration.
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INLET DESCRIPTION

The inlet system (Figure 2) for all F-111D, E, and
FB-111A airplanes is of the same configuration. It differs
from the F-111A in that the inlet is approximately 117%
larger in capture area, is moved 4 inches further outboard
from the fuselage, and does not need a splitter plate for
fuselage boundary-layer control. The inlet is an external
compression type and uses a variable-diameter, double-cone
spike that expands from 8-1/2° to 26° for supersonic com=
pression. The cone, or spike, translates independently of
the second cone position for more efficient air gpillage at
low supersonic speeds. Porous spike bleed distributed over
the gpike shoulder is used for compression-surface boundary-
layer control at high Mach numbers. An automatic air inlet
control manufactured by Hamilton-Standard Division of United
Aircraft Corporation controls spike and cone motions as
functions of engine duct and under-wing glove Mach numbers.

ENGINE DESCRIPTION

The P&WA TF30-P-12 engine is an afterburning turbo-fan.
Bypass ratio for the engine is 1 to 1, and the fan stream
and core flow are confined in the afterburner and burned
through five zones of thrust-modulated afterxrburning. Core
and afterburner streams are not mechanically mixed., - The
engine incorporates a maximum airflow topping limit to down-
trim the engine speed, and hence airflow, on a cold day to
keep the inlet matched, as well as a minimum airflow limit to
prevent inlet buzz during power lever retard to idle at high
Mach number. A signal from the airframe air data computer
controls these functions through a 'Mach lever' input on the
engine fuel control. The automatic air inlet control has no
control input to the engine fuel control.

COMPRESSOR-FACE AND ENGINE INSTRUMENTATION

Incorporated in the inlet duct 7 inches upstream of
the engine face (Figure 3) are eight rakes of five probes
each to measure the total pressure. No stream or wall
statics are used; however, special streamline caps were
designed to place over the total-pressure probes to measure
static pressure in the event this becomes a necessary para-
meter in defining the distortion index of the engine. Since
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the engine manufacturer only defines the distortion index in
terms of total pressure, no static pressure or velocity
surveys have been made. High-response transducers,
Scientific Advances 1/4-inch diameter, are mounted directly
in the rakes (Figure 4). No FOD protection is employed for
the transducer diaphragm nor has this been indicated as
necessary. Probes are placed on equal-area centers to pro-
vide inlet total pressure recovery and distortion calculation
by numerical averaging. Since the engine is a production
model, no high-response instrumentation is installed. Low-
response measurements were made of low-compressor discharge
gs3, high-compressor discharge P34! and tailpipe pressure
Ts. o

DATA ACQUISITION SYSTEM

The airborne high-response instrumentation system
(Figure 5) is a constant-bandwidth, frequency-modulation
multiplex system capable of recording 60 channels of data
simultaneously on a single l-inch-wide magnetic tape, The
tape can record for approximately 55 minutes at a 15-in./sec
speed. Time correlaticn is provided by IRIG B. This system
can record transducer responses of up to 800 Hz with an
amplitude roll-off of 3 db between 440 and 800 Hz. Only the
compressor-face pressures are recorded on the high-response

system,

A separate recording system records other airplane para-
meters such as flight conditicns, airplane actitude and rates,
and engine parameters such as engine speed, engine pressure,
and inlet variable-geometry position. Time correlation is
possible between the two systems; however, the response of
the basic system is limited to 220 Hz by the electronics,
and most of the other pressure data are limited to 25 Hz
because of the line lengths between sensing port and the
transducer,

DATA ANALYSIS TECHNIQUES

Data analysis includes a reduction of both steady-state
and high-response parameters, Steady-state parameters are
provided for all channels and are filtered to provide about
a 25-Hz response, High-response data at the compressor face
are sampled to provide pressure recovery and distortion up
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to a maximum of 1000 cuts/sec at 800 Hz. A distortion
pattern can thus be defined for a time interval during which
the compressor blades rotate through a 60° arc.

Statistical data, PrMs, PSD, and cross correlation are
developed on a Ubiquitous Analyzer and a Time/Data Corpora-
tion Analyzer from the stored tape data. Generally, 'quick-
lock' paper playout with a 25-Hz response of each channel is
used to confirm data gtationarity and to select the data for -
wave analysis,

A remark should be made about the calculation of engine
(inlet) airflow. We use the engine manufacturers calibra-
tion of the fan for in-flight airflow measurement since
under distorted flow conditions at the compressor face, it
is not possible to calculate accurately by using total and
static pressures. Airflow through the fan is a function of
corrected speed and fan or engine pressure ratio (EPR)
PT7/PT2. Since we can measure PT2 with high-response but
PTy with slow response, we cannot really measure airflow -
during transients.

- DISTORTION DEFINITION
-4

In this paper we have reduced the inlet flight test
data by using the P&WA definition of distortion index, Kyp.
This is an area-weighted index (Figure 6) empirically derived
by the manufacturer from screen distortion testing of the .
TF3) compressor as well as from F-111 flight test inlet data
to develop a correlation for engine distortinn tolerarce.. .
The engine specification defines this index as a pattern
lasting 1/150 second or longer. This corresponds to approxi-
mately 1 revolution of a compressor blade through the dister-
tion pattern. ‘

Based on sutides of the USAF Aero Propulsion Laboratory,
blade dwell time in a distorted region correlates relative to
stall satisfactorily when distortion patterns last for 1/300
second, corresponding to 1/2 revolution of the low compressor.
Very good agreement on a selected number of distortion patterns
developed behind a turbulence generator was obtained by the
Propulsion Lab engineers in their studies. In Reference 5 it
is concluded that a compressor is sensitive to a minimum arc
of distortion of approximately 60° to 90°. Since the
Propulsion Lab used test stand data for a TF30 compressor,
we chose to average the distortion indices for 1/2 revolution
in most of the flight events,
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Much useful work has been done (References 2, 6, and 7)
on definition and use of statistical parameters for pressure
and velocity measurements in unsteady flow. Some analyses
of statistical parameters are reviewed here, but, generally,
we are concerned with the stalls occurring during non-sta-
tionary events. As mentioned previously, no adequate pub-
lished correlations are yet available to permit quantative
reliance on PRMS for engine stall. In References 7 and
8, however, it is shown that the PgMs is & contributing
factor and is a useful tie for predicting propulsion system
stability.

SPECIFIC INLET/ENGINE INTERACTION EVENTS

We began our flight investigations on the FB-111A with -
the spike bleed exit sealed off and a smooth spike (no porous
bleed). This was done to permit a basic airplane performance
(range) determination with minimum inlet drag. Bleed was
added to the spike on Flight 5. Figure 7 provides a time
history of the inlet pressure recovery and distortion sampling
at a rate of 1000 cuts/sec. The 2vent chosen (fixed power
lever) shows two large pressure spikes cccurring in which
the total pressure drops in an interval of about 0.020 second.
The engine stalled following the second total pressure drop.
Two observations are noted: (1) the distortion Kp trend is
to lag the inlet pressure recovery. At minimum pregsure re-
covery, the Kp is still in an upward trend, reaching a maxi-
mum after the inlet pressure beging to recover; (2). the time-
averaged distortion exceeds the engine stall tolerance in both:
cagses, but an engine surge only occurred in the second case,
Earlier, this event led us to believe that the engine mar have
partially stalled - prior to the PTy drop - and the inlet
responded by spilling the air subcritically as the normal
shock moved forward. Another explanation, readily adopted
by the engine company engineers, is that the inlet underwent
a partial buzz cycle. We will explore this idea later.
Obviously without high-response engine instrumentation, it
could not be determined whether the inlet or the engine :rig-
gered the event, This event, needless to say, set into :uotion
between the inlet and the engine designers "arguments that
apparently derived self-contradictory conclusions by valid
deductions from acceptable premises' - which according to
Mr. Webster is the definition of a paradox. One obvious de-
cision was to promptly install the bleed spike for further
supersonic flying.
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Figure 11 shows an example of an engine power lever
chop at Mach 2.2 beginning at an airflow level of about 8%
higher than the minimum airflow for the preceding event.
Operation of the afterburner on the P-7 occurs at a reset
engine airflow as the PLA is moved to or from the military
detent, That is, military (dcy) airflow is about 8% lower
than augmented power airflow., Therefore a PLA chop to
military power brings about a decrease in engine-corrected .
speed such that the airflow will be near the same level as
the previous downtrim event. Since the airflow is changing
rapidly during power lever changes (reset) and as the after-
burner is cycling through the five zones of burning, airflow
transients are occurring and being imposed on the inlet
through the unchoked fan duct.

Figure 12 shows the evaluation of the compressor-face
pattern as the stall is approached; a low-pressure area may
be seen to grow at the compressor face on the lower side of
the inlet. Whether this distortion caused the engine to
stall is not known at this time, but it can be acknowledged
to be greater than the engine stall tolerance.

Figure 13 depicts an engine stall at Mach 2.0, The
engine was chopped to military power successfully and, after
two seconds, the PLA was advanced into afterburner power. A
stall occurred because of improper sequencing of the A/B Zone
1 ignition and nozzle unlatching and opening. The nozzle did
not open, Zone 1 or Zone 2 lit, and the resulting oversuppres-
sion (high tailpipe pressure) caused the engine to surge.
Notice the sudden increase in tailpipe pressure (FT7) rrace
shown in the insert of Figure 13, SR

Interestingly, a picture of the inlet distortion shows
a rapid increase in the distortion level and a corresponding
drop in inlet pressure recovery. In this case, although the
averaged instantaneous distortion level approached the engine
tolerance, it was finally decided that the stall was not
caused by the inlet distortion but by the fuel control over
suppressing the engine.

It became apparent from these data that separation of
the contributor to the stalling event could not be ascer-
tained by inlet instrumentation alone. Because of the diffi-
culty of installing special high-response engine instrumenta=-
tion, the investigation shifted to an examination of the
inlet stability. Before this was done, however, the engine
afterburner zone light sequence was modified by reversing
the Zone 4 and 5 sequence (i.e., Zone 1l-2-3-5-4), The Mach
2.2 engine airflow downtrim was repeated, this time
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successfully to a lower airflow of about 159 pps with no
stall. Figure 14 shows the airflow history for this event
compared to the initial attempt, and Figure 15 shows the high-
regponse data at minimum airflow. At this point, the inlet
looked very stable and, after the afterburner zone sequence
change, no further stalls occurred with power lever chops

at high Mach number.

At Mach 2.2 the inlet cone angle was manually decreased
to increase the streugth of the normal shock which causes
an increase in the normal-shock boundary-layer dynamics,
The cone was decreased from 24.3° to 21.49, corresponding to
a normal-shock Mach number increase from 1.49 to 1.60.
Ingtantaneous distortion increased to a méximum of about 1200
(Figure 16), and Pgys values increased from 2.0 to 2.5%. No
engine stall occurred, although from past experience we know
the engine is near stall at these conditioms.

Distortion maps for the case of the decreased 872 (Figure
17) show that the distortion index, although increased and
high, does not result from separated flow from the spike but
from a lowering of the bottom pressures of the compressor
face, This may be because the oblique shock tends to fall
inside the lip and intersects the normal shock so that air
enters the inlet at normal shock recovery instead of through
the three-shock system. Obviously, the shock-intersection
vortex must also enter the inlet, which classically has been
thought ‘to be the source of inlet buzz instability.

vPcwer.Spectral'déﬁsity.(PSD) and Ppyg data shown in
Figures 18 and 19 are compared for secoad-cone angles of
24.3° and 21.4°. More contribution in the lower frequencies

of 0-200 Hz is apparent.

The above data show that the inlet is inherently stable;
it is not easily triggered into buzz instability uuless large
airflow transients are imposed on the inlet,

A review of the specific events just covered shows that
large changes in the inlet total pressure recovery and come
pressor-face distortion generally resemble the inlet insta-
bility near buzz. One may conclude, however, that these
events of airflow transients should resemble buzz cycles
since the inlet has no other way to respond but through a

buzz cycle.

To examine this possibility more closely, we will look
at a buzz cycle development at Mach 2.2 during a PLA retard
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to idle power (Figure 20). Incidentally, this event is
academic as far as engine/inlet operations are concerned
because normally the engine fuel-control cam will provide a
floor on the minimum airflow at supersonic speeds to prevent
the inlet from getting to the buzz level. For this event

it was necessary to take the floor out of the gystem by
removing the Mach lever input, thus permitting the airflow
to decrease to buzz levels,

Two significant items are noted here: (1) the inlet
gradually enters buzz (is not triggered) at an 'indicated"
level of 158 pps (2) full buzz amplitude is not reached
until the airflow falls to an '"indicated' level of 130 pps.
Note that the true airflows are not known since we have no
valid way to measure airflow under these dynamic conditions.

High-response data for this event (Figure 20) show
Hy/H, and Kp for the development of full buzz cycles. De-
spite the fact that the Kp's are in excess of the engine
distortion tolerance at that airflow condition, no stall
occurred and power was readily re-established by advancing
the power lever.

Similarity between the events of stall previously shown
and the buzz cycles can be readily seen. The unknown fact is
the mechanism by which the inlet is suddenly triggered into
a single cycle of buzz with no apparent airflow change.

We can now draw some conclusions regarding the inlet .
stability. Basicalliy, the instability (buzz) envelope of
the inlet is derived by decreasing the airflow progressively
until instability is observed. Usually there is some
hysteresis, that is, buzz onset is not precise but tends to
vary a few percent, As mentioned earlier, the buzz envelope
for this inlet was determined from F-111A No. 14 with the
P-3 engine. This matched closely with values determined
from the wind tunnel. A very unique picture emerges here
(Figure 21). There is an apparent instability appearing at
a higher airflow than that with stabilized airflow. However,
as mentioned previously, the airflow measurement is probably
in error.

We do not yet believe valid conclusions can be drawn
from the data of Figure 21 because the data are limited. It
would appear that inlet stability is a function of how the
stability limit is approached, i.e., the airflow at which
instability occurs increases as the rate of airflow change
increases. More work is necessary to prove this point since
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it seems contrary to inlet test experience. Admittedly, the
FB-111A inlet may have a lower stability margin than that of
F-111A No. 14. There are, however, some conclusions to be
drawn on the flight results:

1. Inlet changes show subtle effects on the
high-response data when comparing bleed
versus non-bleed spikes. The Prmg data
is slightly improved and the instantaneous
distortions are about the same level,
However, it was clear, the interaction
events leading to compressor stall were
considerably reduced with the ble¢ spike,

2. The inlet, with bleed, appears to be in-
herently stable and is not easily trigger-
ed to buzz., The successful downtrim to a
slightly lower airflow and the second cone
angle decrease seem to confirm this.v

3. The ialet/engine system stability improved
with Lhe afterburner fixes.

The advanced afterburning turbo-fan engine can be assumed
to always have some airflow pulse with A/B ignition and zone
changes. These transients, although difficult tc measure ac-
curately, must be determined both in amplitude and in rate of
change (frequency). The inlet designer should therefore plan
his wind tunuel test tc include inlet dynamics' that include
pulsed duct flow as well as steady-state flow. Inlet stabi-
lity margins with: fixed-inlet geometry must be ag large as
possible, since no automatic inlet control will be able to
keep up with these rapid changes. 1Inlet type is also expected
to be an important parameter. For example, 2-D external com-
pression inlets have relatively large movements of the normal
shock to accomplish airflow spill as a result of the engine
demand. This shock movement can use up the ‘inlet stability
margin. On the engine design side, transient airflows must
always be identified and efforts made to keep all dynamics to
&8 minimum,

DYNAMIC MODEL SIMULATOR

We now turn our atteation to current dynamic model simu-
lator programs, probably the most simple of which can closely
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portray transients to about 20 Hz., References 1 and 9 pre-
gsented the case for utilizing advanced mathematical models

for solving more higher response problems. Methods of providing
for an approximate mathematical model frequencies of up to

150 Hz are discussed in Reference 10. Such programs will be
necessary to model inlet and engine dynamics adequately - as

we shall see,

The engine manufacturer has a dynamic model simulator
program with which the event of PLA chop at Mach 2.2 (Figure
11) was simulated. A comparison of the simulated event with
the actual eveat is shown in Figure 22, The true airflow
transients of the actual event are, of course, unknown. The
representation of airflow given is based on the calculation
of airflow from N1 rotor speed, the high response PTZ and
the low response PT7, As mentioned earlier, EPR ( T7/PT2)
appears in the airflow calculation of engine pressure ratio
and has a strong effect on engine airflow. The simulator
data do not show the airflow transients indicated by the test
data, To be fair, the current program for either inlet or
engine parameter does not contain the necessary inputs to ex-
plore such dynamic interactions. All of the model inlet data
was run with steady-state instrumentation and no dynamic air-
flow pulses were applied, Further, dynamic engine airflow
data are not available to permit valid engine response assess-
~ment. This comparison is shown to point up the problem of
becoming aware of the necessary inputs required to really
gain insight into the compatibility program. (See Reference

1 for further discussion.)

'EXTERNAL INFLUENCE ON THE INLET

The cases investigated, then, constitute engine/inlet
interactions in which it is not possible to identify the
cause and effect paradox. There were some flight events,
however, in which the disturbances could be positively
traced to external influences. These events were (1) clear-
air turbulence, in which the inlet pressure versus time
represents considerable nonstationarity and instantaneous
Kp's were observed to increase; (2) weapon bay door openings,
which cause disturbances to the fuselage boundary layer and
interact with the inlet; and (3) a maximum maneuver in which
the body vortex could be predicted to have an influence on
the inlet performance.
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The clear-air turbulence event, shown in Figure 23,
affected the compressor-face parameters. Plots of pressure
recovery and instantaneous Kp are shown along with a playout
of a typical rake pressure versus time, Note that the rake
pressures, shown in the insert of Figure 23, undergo rather
sudden drops and become quite dynamic, The instantaneous
distortion shows a four-fold increase, although it stays
below the engine stall tolerance. None of the normal steady-
state engine parameters showed any significant change during
this condition, although the airplane accelerometers and
angle-of-attack and sideslip indicators showed rather high
oscillations.

PRMS data for this event were developed, although there
could be some question concerning data stationarity. Com-~
pared to data from a previous flight, Ppmg values increased
from 2% to 2,2%. Cross correlaticn of the outer probes with
the inner probes showed only weak correlation, indicating
that the scale of the turbulent flow was probably scwewhat
less than the inlet size.

The second case of external effects on the compressor
face 1s shown in Figure 24, in which high-response presgsure
reéovery and distortion data are compared for the case of
the weapon bay door open and closed. The weapon bay dcors
open along the lower fuselage side (Figure 1), and the cpen
door apparently interacts with the fuselage boundary layer
and creates turbulence along the fuselage which can enter
the inlet or affect the iniet flow field., Both turbuleance
PrMs and instantaneous Kp are significantly increased.
Figure 25 shows the development of the ;ompressor face
pattern, comparing closed and opened doors. The inboard
side shows the greatest distortion with lowered total
pressures,

The power spectral density is altered on or ning the
doors and shows much stronger contributions at the lower
frequencies (0-200 Hz). PSD's are compared for the weapon
bay doors open and closed in Figure 26. The cross power
spectral density and cross correletion were examined for
several pairs of probes at the compressor face for the doors
open and closed, Figure 27A shows the cross PSD and cross
correlation for two adjacent inboard probes; Figure 27B for
an inboard probe and an outboard probe; and Figure 27C for
two adjacent outboard probes.
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The significance of these figures is that (1) a major
increase in power at approximately 63 Hz occurs when the
doors are opened on the lower inboard side (Figure 27A), as
can be seen in both the cross-correlation data and the cross-
PSD; and (2) correlation between the two adjacent outboard
probes (Figure 27C) again shows a significant contribution
at 63 Hz, but it is much weaker between inboard and outboard.
Note that there is also & contribution showing up in all the
data near 350 Hz,

These statistical data corroborate the compressor-face
distortion patterns that show the major effect on the inboard
side of the inlet, Reference 2 provides further explanation
and use of statistical dynamic data.

Figure 28 shows a maximum capability wind-up turn at
Mach 2.3, This maneuver is accomplished by rolling the air-
- plane rapidly into a near vertical bank and pulling full
"stick and elevon deflection in less than one second. If exe-
cuted properly the airplane can be made to overshoot slightly
the maximum trim angle of attack condition. At these over-
shoot conditions, corresponding to angle of attack of about
17°, the fuselage vortex was predicted from model data to
enter the inlet (Reference 11). Occasionally during the pro-
pulsion test program, we were able to verify this condition
and sometimes an engine stall resulted. Figure 29 shows the
time history of the last part of the angle-of-attack increase,
which shows the evidence of breakdown in inlet flow. Pressure
recovery and distortion are shown to smoothly drop and rise,
regpectively. Notice that the inlet pressure decrease occurs
over 150 milliseccnds which is about 3 times longer than the
pressure spike observed with the PLA change of Figure 1l.
Again, it would appear that the inlet is not easily triggered
into instability. Compressor face patterns (Figure 30) show
the low pressure appearing at the bottom of the compressor
face, thus resulting in severely distorted patterns.

SUMMARY

In summarizing the events covered in this paper, we
would like to restai2 the lessons learned:

1. A paradox is created when insufficient

instrumentation is applied to dynamic
inlet/engine compatibility problems.
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5.

It i8 not sufficient to just know the
compressor-face distortion at the point
of engine stall, because distortion will
probably always increase as the inlet is
pushed to an off-design airflow match,

Engine and inlet dynamics both must be
known from valid development tests. .

Dynamic simulator programs must be as
sophisticated as necessary to give in-
gight into the particular inlet/engine
propulsion system.

Future wind tunnel tests of the iunlet
not only must include dynamic turbulence
scaling criteria but must also produce
dynamic airflow pulses to simulate the
dynamic effect of the engine.

The effect of airflow turbulence, swirl,
and velocity at the compressor face must
also be researched further to determine:
their full significance relative to engine
stall and operationm. ‘ T

The afterburning turbo-fan propulsion
system has a coupling between the engine
and inlet which requires & more exacting
management of the airframe/engine fater-
face. o C :
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EXPERIMENTAL STUDY OF
INLET-GENERATED PRESSURE
FLUCTUATIONS

PWA -3682

Gordon C. Oates+
Dale A. Sherman¥*
David L. Motyckaz
Pratt & Whitney Aircraft Division
United Aircraft Corporation

Abstract

The amplitude and frequency characteristics of the stagnation pressure fluc-
tuations in a diffusing duct with a shock wave system were studied to assess the
problem of turbulence in aircraft air intakes. The rate of decay of the pressure
fluctuations generated in the full size duct was limited by dispersion and not by
dissipation, which rendered the engine face turbulence intensity independent of
Reynolds number. A simple procedure allows comparison of turbulence energy
spectra between small scale models and full size intakes, providing the decay
rate is dispersion-limited. This method is based on the premise that inlet tur-~.
bulence is created almost exclusively very ncar the terminal shock wave, which
allows estimation of the axial decay of turbulence within a diffuser. An equation
was found to collapse decay measurements from a wide range of operating con-
ditions to a single straight line. The results of a study to determine the minimum
amount of instrumentation required at the engire face to describe instantaneous
total pressure patterns are also presented.

+ Consultant. Assoc. Professor of Aeronautics and Astronautics, University
of Washington, Seattle, Washington.

* Analytical Engineer.

+ Project Engineer.
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LIST OF SYMBOLS

Energy

Hertz-urit of frequency
Wave-number
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Pressure
Stagnation pressure
Prandtl number
Reynolds number
Time

Axial Velocity

Ratio of specific heats Cp/Cv
A change in value

Dennity

Frequency

Initial or reference value

. Farthest upstream measuring station

Intermediate measuring station (at start of constant area saction)

Compressor face station
Conditions at infinity
Reference value

Statle
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L INTRODUCTION

Experience with aircraft operating in the Mach 2 to Mach 3 flight regime
has revealed that fluctuations in inlet total pressure, which occur primarily due
to shock wave-boundary layer interactions, effectively add to steady-state inlet
total pressure distortion and can cause turbojet and turbofan engines to surge.
It is therefore important that dynamic inlet total pressure patterns be measured
and understood to ensure inlet-engine compatibility.

Some of the earliest experimental work on inlet turbulence was carried out
at AEDC, }+2 Tullahoma, Tennessee. In these tests, a convergent-divergent
duct produced turbulent inflow for a YJ93 turbojet engine operating at atatic
conditions. The test results showed that ground-based simulation of some basic
characteristics of the turbulence produced during flight was feasible. The
engine was found to drift into surge at steady-state distortion levels considered
acceptable for engine operation without turbulence. The primary conclusion
was that compressor surge margin decreases with increasing turbulence level
and that engine variations (closing forward stators, opening primary nozzle,
etc. ) which increase steady-state surge margin will increase the engine tol-
erance to turbulence.

Since the AEDC tests, many othfr sémilar experiments, both full scale and
model scale, have been conducteda’ »5s ,» but many fundamental questions about
turbulence remain unanswered, including "How do we scale turbulence from

model to full size ?'"', and, "How does turbulence decay within an inlet ?"

The study described Lerein combines well-documented concepts from the
theory of humogeneous turbulence with experimental results from inlet turbu~
‘lence testing at Pratt & Whitney Aircraft in order to suggest answers to the

above questions. Ultimately, it is the instantaneous distortion patterns which
must be scaled; however, this is not within the scope of this paper.

Some of the important conclusions of the study are:

® The rate of decay of turbulence within both subscale models and
full scale inlets is primarily limited by dispersion rather than by
dissipation. '

® As a consequence, the decay of inlet turbulence intensity will be in-
' dependent of the inlet Reynolds number over a very broad range of
Reynolds numbers. This simplifies the scaling of turbulence energy
spectra.

431

Preceding Page Blank



® A simple procedure was developed which successfully correlated the
decay behavior of turbulence within an inlet over a very wide range
of operating conditions.

® An investigation into the minimum number of probes required to
describe engine face distortion indicated that strongly circumferen-
tially-distorted instantaneous total pressure patterns can be ade~-
quately described by steady-state and instantaneous total pressure
measurements from 6 rakes containing 3 probes each.

. DESCRIPTION OF TEST FQUIPMENT

- The entire test program was conducted at the Andrew Willgoos Turbine
Laboratory at Pratt & Whitney Aircraft in a compressor rig altitude test stand.
The inlet air was supplied at pressures up to 44 inches HgA and as low as 10
inches HgA. The turbulence generator duct (Figure 1) was used to produce
random pressure fluctuations at the compressor inlet, The turbulator (turbu-
lence generator) comprised a converging-diverging section with a plug center-
body followed by a consatant area section which fed the flow into the engine com-
pressor. The centerbody could be moved axially (to control minimum flow area)
and up or down (to adjust plug centering and to change the steady-state distor-
tion pattern at the compressor face). The compressor used for these tests was
a Pratt & Whitney Aircraft TF30-P-3 fan and low -pressure compressor, which
consists of nine axial flow stages.

HIGH RESPONSE PRESSURE PR OBES

CONVERGING-DIVERGING
SECTION

PLUG CENTERBODY

Figure 1  Turbulence Generator
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The turbulator was instrumented with both low response (steady-state)
probes and high response (dynamic) probes. The steady-state instrumentation
included static pressure taps along the walls of the converging-diverging section
for determining position and strength of the shock wave. Two rakes, each with
five steady-state stagnation probes, were located just ahead of the compressor
face at about 180° and 270° clockwise from top dead center, as shown in section
A-A of Figure 1. The other six rakes were designed to contain both low response
(0-40 Hz including pneumatic system) sense tubes for measurement of steady-
state stagnation pressure and high-response Kistler miniature pressure trans-
ducers for measurement of fluctuations in stagnation pressure. These trans-
ducers maintain 1% linearity out to 25 KHz. Two of the high response probes
were capped off during all testing in order that the contributions of probe vibra-
tion and electronic background noise to the overall signal could be evaluated.
Figure 2 shows a photograph and.a cut-away drawing of the specially-designed
rakes. The signals from both the low response transducers and the high re-
sponse transducers were recorded with a magnetic tape recorder operatirg in
the FM multiplexed mode. The linear phase gain characteristic of the tape

recorder was down 3 dh-at 1000 Hz.

KISTLER
MODEL 619
PIEZO-
" ELECTRIC
* TRANSDUCER ° o
TO EXTERNAL
STRAIN GAGE
PRESSURE
TRANSDUCER
LOW NOISE
DC AND LOW FREGUENCY :g:’,‘(?é'n%ﬁ_w
PRESSURE SENSE TUBE CHARGE AMPLIFIER

Figure 2 High Response Inlet Rake and High Response Total Pressure Probe

]

1 In order to study the decay behavior of turbulence, two high response Kistler
miniature transducers were installed between the throat section and the com-~
pressor face. These probes, which measured fluctuating stagnation pressure,
were located 1 foot 4 inches and 3 feet 6 inches downstream from the minimum
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diameter of the converging-diverging section. The total distance between the
minimum diameter and the compressor face was 13 feet 6 inches, and there
were thus three stations for measurement of fluctuating pressure beiween the
region of generation of turbulence and the compressor face.

OI. DESCRIPTION OF TIME VARYING FLOWS

A. Statistical Terms

The descripticn of flow at an engine face utilizing the concept of distortion
has been long established. Until fairly recently, the distortion was considered
as being time invariant and was generally represented by distortion maps where-

_in the stagnation pressure at the engine face was presented as a function of loca-

tion. Recently, of course, the phenomenon of inlet-generated turbulence has

"been recognized, -and with it the necessity of describing the engine face distor-

tion as a function of both time and position. Conceptually, the easiest repre-
sentation of such time variant flows is to consider the distortion as composed of
the steady state component superimposed with a turbulent component. It is the
turbulent component with which this paper is concerned, though it is clear that -
it would be difficult indeed to produce "pure turbulence’ or "pure steady state
distortion".

Like the steady state distortion, the turbulence can be mapped at the engine
face to give lines of constant turbulence intensity. It is usual to represent such
turbulence intensity in terms of the root mean square (r.m.s.) value of the
fluctuating component of stagnation pressure measured at each point. As in

" Figure 3, the total distortion is then related to the sum of the steady state

and turbulence distortion maps.

ENGINE INLET
“VERGE OF SURGE”

STEADY STATE MOMENTARY ' MOMENTARY COMPOSITE
TURBULENCE DISTORTION

Figure 3  Construction of Momentary Distortion Map
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It is evident, however, that we must be content with the distortion "to be
expected" because the turbulent process is a random one. The most efficient
representation of the turbulent component hence utilizes statistical concepts.
The most frequently used statistical functions are the power spectral density
(P.S.D.) and amplitude probability density function (A.P.D.) These two func-
tions are defined in many references’ in both their normalized and un-normalized
forms. It should be recalled that the P,S,D. represents the r.m.s. value,
squared, per cycle per second of the variable being considered, so that the
integral over all frequencies of the P.S.D. is equal to the total r.m.s. value
squared, i.e.,

w (AP)?

f ® ®SD)d (Ho) = [ g5 4(Hz) = (APrms)?
o o

The great utility of the P.S.D. representation is that if "epergy' is con-
centrated at or near particular frequencies, such concentrations appear as
"gpikes' on the P.S.D. graph, and the generating mechanism is hence often
easily determined.

A possible P,.S.D. is represented in Figure 4. In this case, the spike
existing at wgwould indicate the presence of an energy concentration at that
frequency. Such spikes often result from energy being concentrated at natural
resonances of the system, but great care must be taken to ensure that suck
spikes are not spuriously introduced because of resonances in the instrumenta-
tion system., '

-1

T~
3

£

FREQUENCY~ Hz

Figure 4 Example of Typical Power Spectral Density
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The A.P.D. represents the probability of ogcurrence of a given amplitude
at any given time. The Central Limit Theorem® states that the A.P.D. for a
variable that results from a succession of random events can be expected to ap-
proach a Gaussian distribution. Inlet turbulence occurs with many successive
collisons of the turbulent "eddies', so, as expected, most A, P. D, 's observed
for engine face turbulence do closely approach the Gaussian distribution
(Figure 5).

05 e == NORMAL DISTRIBUTION

03

0.2

0.1

3 -2 -1 0 +1 +2 +3

INSTANTANEOUS
AMS

Figure 5 Aniplitude Probability Density, Compressor Face
B. Some Aspects of Dy;na.mic Similarity

The requirements for dynamic similarity have been developed in several
books on fluid mechanicslls 12, 13, The reasoning behind the various develop-
ments is that if the equations and boundary conditions describing the physical
problem at hand can be written in terms of dimensionless variables, and the

. length, time, etc., scales of the model are so chosen that the equations and

bourdary conditions are exactly the same from model to model, the "solution"
of the equations must be the same in the dimensior '~ss variables. Usually, of
course, the solution is not available analytically, :..t must be obtained
experimentally.

For scaling purposes we first consider the full time-dependent Navier

Stokes equations, postponing for the present any representation of the time-
variant effects such as the introduction of turbulent transport coefficients, etc.

For the case considered here, where the flow is adiabatic, gravity is unimportant,
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and the walls of the duct are rigid, it follows that, in addition to geometrical
similarity, four scaling parameters must be preserved between model and full
scale device: the Reynolds number (R), the Mach number (M), the Prandtl
number (Pr), and the ratio of specific heats (v ).

If these four parameters are maintained constant, the equétions describing
the flow will be preserved, but attention must be paid to the inlet and exit con-
ditions in order to ensure that the boundary conditions can also be scaled. At
the inlet, we must acknowledge the presence of turbulence by requesting that
the root mean square of the time variant portion divided by the mean value of
all quantities be preserved. Inlet turbulence intensity must also be preserved.

Finally, if the scaling is to be rigorously correct, the time-varying condi-
tions at the exit must be scaled. It is the time variation (or frequency) which
makes turbulent distortion unique, so it is instructive to consider what aspects
of the time dependence might be of particular significance to the engine com-
pressor. It is apparent that energy concentrations could occur at certain natural
frequencies of the inlet duct®:10. In a recent experimental programll, a scale
model inlet with a simulated engine face and an empty volunie in place of an ep-
gine was used to study inlet turbulence. Evidence of a standing wave was ob-
served in the duct with a frequency corresponding to the distance between the in-
let throat and the choke plane of the flow control plug at the downstream end of
the engine volume. With an engine installed, the standing wave might have ter-
minated at the engine face. A choke plate at the simulated engine face could aiso
have been used to terminate the standing wave at the engine face station and there-
by preserve the proper organ pipe frequency.

It is evident that for inlei model teats with air, tne scaling reguirements
will be generally satisfied if the Mach and Reynolds numbers are conserved
and, in addition, the inlet turbulence intensity and compressor face conditions
are conserved. (Rigorously, simulation of compressor face conditions might
require a scaled compressor; but unless a detailed analysis of the interaction
between compressor and inlet natural frequencles is required, a choked screen
simulation will suffice.) Unfortunately, it is rarely possible to conserve all
these parameters, so an effort must be made to relate model results to full
scale results by utilizing additional analytical or empirical information. In
supersonic inlets, the majority of the turbulence intensity is created in the shock-
boundary layer system, and as a consequence, description of the subsequent de-
cay behavior is central to our understanding of the behavior of the scaling laws
when the Reynolds -number is not conserved. For this reason, the decay of tur-
bulence will be discussed rather extensively in the next section. '
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IV. DECAY OF TURBULENCE
A. Dispersion vs. Dissipation

It is very important to be careful in the use of the terms decay, dispersion,
and dissipation because considerable confusion can arise if the terms are
used interchangeably.

® DECAY is the decline in magnitude of the turbulence kinetic energy

° DISPERSION is the spreading of the turbulence kinetic energy over the
range of wave numbers by inertial interaction of the eddies

®  DISSIPATION is the process by which the action of molecular viscosity
" actually converts the kinetic energy of the turbulence to heat.

~ In'general, the minimal information required in order to describe a turbu-

lent "eddy' would be some measure of the eddy size and some measure of its
energy. (Here energy is measured relative to a frame moving with the average
fluid velocity). A very useful description of the state of the fluid averaged over
a suitable time would then consist of an "energy spectrum", where the dverage
energy occurring for each characteristic size would be given. In practice,
rather than giving the energy versus a characteristic ''size", it is usual to use
either the energy per frequency versus frequency (Power Spectral Density) or
to use the energy per wave number versus wave number (Energy Spectrum
Function vs. wave number), For a fluid in which turbulence is no longer being
produced but is only decaying, the equatmn for the energy-spectrum function
E (k) is: 14,15 .

B_E_k_) = T(k) 2k k? E(k) M

at p ,

In this equation the term T(k) represents the net increase in energy per
wave number per time arising from the fact that energy at wave numbers other
than k=k + dk is transferred into k-k + dk by collision, while at the same time
energy is transferred out of kok + dk by collision of eddies originally within
k=+k + dk. ' This contribution to the change in energy-spectrum function is the
dispersive contribution. It does not involve a net energy loss within the fluid,
but only involves the transfer of energy from one wave number to another. As
might be expected, it is an extraordinarily difficult task to actually compute the
contribution T(k) for any prescribed initial E(k) because the T(k) involves the
non-linear interaction of all wave numbers from zero to infinity. Qualitatively
one may note, however, that with time we usually expect a "spreading out" of
energy amongst the wave numbers due to dispersion. From the equipartition
principal, there is not an a priori reason for the energy to favor a particular
energy spectrum; therefore, the energy will tend to become equally distributed
amongst the wave numbers, It is important to note, also, that since the disper-
sive terms involve only the transfer of energy from one wave number to another,
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the total change in energy due to T(k) measured over all wave numbers will be
zero. That is

j(: T (k) dk =0 ()

Integrating Equation 1, it then follows that
0 ] e | 4 ro
— (TOTAL ENERGY)= — Ek) dk= -2 - f k? E(k) dk 3)
at ot J, A

Looking now at the term -2 £ 2 E(k), we see that it represents the rate
at which the molecular viscosity changes the turbulent energy over to heat.
This term, the dissipative term, gives the rate at which the mechanical energy
per wave number actually leaves the fluid. Its integral, (Equation 3), gives
the total rate of change of energy of the fluid.

Figure 6, reproduced from Reference 18, shows the inter-relationship of
the various terms for an example turbulent flow. In this case, the energy is
introduced at low wave numbers and is dispersed to higher wave numbers where
it dissipates. In this particular example, the production of turbulence is shown
as being equal in magnitude to the dissipation, so the decay would be zero.

TURBULENCE

PRODUCTION
TURBULENT
ENERGY FLOW
:::Evm%‘;%‘i" . ROUGH SPECTRAL LOCATION

ISSIPATION
WAVE NUMBER OF DISSIPAT
DISPERSION
/"—— e o :
M WAVE
— , NUMBER

ROUGH SPECTRAL LOCATION

OF PRODUCTION DISSIPATION TO HEAT

Figure 6 Production and Decay of Turbulence

Because of the relative simplicity of such flows, many studies 16,17 pave

been carried out to investigate the behavior of turbulence in a fluid in which
there is no creation of turbulence, but only decay. The simplest of such flows
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is that with "isotropic turbulence' (turbulence with properties that are indepen-
dent of direction). The decay behavior of isotropic turbulence has been well
documented with respect to its dependence on wave number (see Reference 15
pages 188 and 191), and it is useful to interpret the classical findings for condi-
tions of interest to us. Wave number can be related to frequency through the

"G.1 Taylor Criterion" k = 2 %w , where U is the average convective velocity

of the turbulent flow field and it is large compared to the turbulence velocity.
For convenience, the term "frequency' will be used instead of "wave number".

In Figure 7, a typical inlet flow is divided into three flow regimes. In
region (1), which consists of the normal shock system with the associated shock-
boundary layer interactions, regions of very high shearing exist which lead to
the vigorous production of turbulence. In region (2), some further turbulence
preduction may occur, particularly if the diffuser is badly separated. In
addition, the turbulence created will tend to become isotropic and to settle

" down to the high rate of decay characteristic of turbulence. (Reference 14,
Page 136),

/////zJ?///@// @
L \
— AW

4!
|
|

SHOCK SYSTEM - .RE'.G!ON OF H!GH TURBULENCE PRODUCTION

@ DIFFUSING PORTION — BEGINNING DECAY, TENDENCY TO ISOTROPY,
SOME PRODUCTION

DECAY REGION — MOSTLY ISOTROPIC, DECAY ESTABLISHED,
* LITTLE PRODUCTION

Figure 7 Regimes of Flow

Finally, in region (3), the turbulence settles down to the process almost
characteristic of isotropic turbulence. In this region, the turbulence production
is very small compared to the rate of decay. The turbulence in this region, then,
approximates that found in the classical grid-generated-turbulence experiments.

B. Dissipation Density

The very complex nature of the system leading to turbulence production in
inlets renders the prediction of the turbulence produced (with respect to A. P. D.
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and P.S.D.) impossible, so that we must be content with accepting experimental
values for the turbulence produced in the inlet. The decay behavior, however,
can be expected to approximate that found in the classical grid experiments. A
relationship of vital importance involves the frequencies at which the maximum
(AP)? . w? (AP)?
energy {7, and the maximum dissipation density T
these two maxima occur at widely separated frequencies (that is, if the "energy
containing eddies" are separate from the region of maximum dissipation), it
follows that the decay process can be considered as composed of two separate
steps:

occur. If

(1) The dispersion of the energy in the energy-containing eddies up to
higher frequencies.

(2) The dissipation of the energy after entry into the region of maximum
dissipation density. ’

The "rate limiting step' then becomes the dispersion to higher wave numbers,
because once the energy passes over to the region of high dissipation, it is very
rapidly dissipated. This latter result may be inferred from the small amount
of energy which usually exists i the region of maximum dissipation for flows .
with widely separated dissipation density and energy density maxima.

Figure 8 shows some P.S.D. 's and dissipation curves obtained at three
axial positions within the test duct. (Note the use of the linear rather than
logarithmic ordinate.) It can be seen that a complicated "camel back” P.3.D.
has been generated within the shock system. The digsipation curve maximum
at this station is not significantly separated from the (second} maximum energy
point. At the second station, two feet further down the duct, slight separation
of the maxima has begun. It is difficult to say, however, whether these curves
represent dissipation and dispersion only, or whether some residual turbulence
production exists within the duct. Finally, at the engine face station, twelve
feet from the first measuring station, the effects of the dissipation have become
very evident, as the maxima of the two curves are widely separated and the _
energy existing in the vicinity of the maximum dissipation points is very small.
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Figure 8 Axial Variation of Enérgy Density and Dissipation Density
V. IMPLICATIONS FOR SCALING

A. Reynolds Number Dependency

The description of turbulence outlined above has important implications
with regard to the scaling of inlet decay data. In order to exemplify this, it is
instructive to consider two limiting cases:

2

(1) The case where the maximum in the P.S.D. is widely separated

Hz

2 2

from the maximum (ﬁ-éé—P-).) in the dissipation density.
z : -

442




In case (1), the rate of decay in total turbulence energy will be limited
by the rate of mutual interaction of the turbulent eddies. This rate of inter-
action will be proportional to the frequency of the eddies, w, which will itself
be inversely proportional to the length scale of the inlet, L. However, the
flow time from shock system to engine face is directly proportional to the
length, L, for the same Mach number flow. Thus, the number of encounters
between eddies will be the 'same from model to full scale, and the percentage
turbulent energy decay should be the same, even though the Reynolds numbers
may be different. This situatiox; leads to the often used rule for scaling power
spectral densities where él—)P—t Al(;— E‘.‘Ef versus o I—;;-t; or an equivalent

pair are used as coordinates.

Figure 9 shows the application of this simple rule to an example 1/12
scale model P.S.D. The predicted P.S.D. for the full scale inlet is obtained
by contracting the frequency scale by the factor 12, while amplifying the ordinate
values by the factor 12. The energy contained within the fluid is represented by
the area under the curve which, of course, stays constant with this scaling pro-
cedure. The scaled 1/12 model P.S.D. is compared to an actual P.S.D. from
a full size inlet. These inlets are both two-dimensional but are not geometrically
similar. Note, however, that the slope of the scaled model P. S. D. curve is
roughly the samie as for the full size inlet and that the levels are comparable.
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+ - BY SCALING TECHNIQUE .6 |
Hl s, C N
Y o~
0 100 200 300
107 FREQUENCY~HZ
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10'8 1 i L L. 1 J
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Figure 9 Applicatioh of Scaling Technique
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2
in the P. S.D. is close to the

(2) The case where the maximum
w? (AP)?
maximum BT in the dissipation density
In case (2), the decay is not limited by the spectral transfer of the turbu-
lence but is instead limited entirely by the dissipation itself, which is, of
course, Reynolds number dependent. From Equation 3 it is seen that the
decay rate is proportional to the frequency of the eddies squared, with the
result that the decay of energy from generation in the shock system to arrival
at the engine face will be greater in a sub-scale model than in the full-scale
“inlet. This means, of course, that sub-scale turbulence tests would give an
unduly conservative prediction of turbulence intensity at the engine face.

This result would seem quite ominous from the point of view of interpret-
ing test data if it were not for the result that it appears that the rate of decay
of most inlet turbulence seems to be dispersion limited. For example, con-
sider the widely separated maxima at the bottom of Figure 8. Because the high
dissipation rate has largely remcved the energy density from the higher fre-
quencies by the time the flow has reached the engine face, we know that the
decay process ia dispersion limited there. The residual effects of the dissipa-
tion limited portion of the decay would then be significant only because it had
originally slowed the dispersion from the lower frequencies to the higher. We
expect this effect to be small, however, because once the energy density be-
gins to drop off with frequency, even slightly, dispersion of energy to higher
frequencies becomes dominant., It is possible for turbulence production to
favor certain frequencies, in which case the decay rate could be somewhat
dissipation limited. Under these conditions, the decay rate would be dependent
upon Reynclds number. For the case indicated in Figure 8, however, the
dissipation rate corresponding to the peak near 560 cpe. is sufficient to reduce
the enecgy density only aboui 1/10 of that which actually occurs, a3 calculated
from equation 3, indicating that even for this case of "overlapping peaks",
the vast portion of the dissipation still occurs at even higher frequencies.
Therefore, decay is dominantly dispersion limited throughout the duct, even
in the full scale device, 8o it could be expected to be even more so in a sub-
scale model where Reynolds number is lower and more energy is present at
high frequencies.

An experiment to verify the turbulence insensitivity to Reynolds number
was conducted by carefully adjusting the duct conditions to give equal shock
Mach number and reduced engine speed settings at two substantially different
Reynolds numbers. As is evident from Figure 10, a remarkable similarity
of engine face P. S. D. 's resulted.
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Figure 10 Change in Power Spectral Density with Reynolds Number

A further substantiation of the validity of assuming Reynolds number in-
dependence is given in Figure 11 where the results of many model tests are
compared to full scale data. Only general trends can be expected here because
geometric similarity has not been preserved. However, it is notable that the
range of model results is similar to that of the full scale inlet, except for
some points where the model data exceeds the full scale data. For at least
some of these points, wind tunnel turbulence was high and might tend to account
for these differences,
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Figure 11 Comparison of Model Data to Full-Scale Data
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B. Empirical Correlation of Energy Decay

It has been found 16,19 from grid experiments that the turbulent energy
decays approximately as U’? «(t-t,) ™ in the "initial period" of decay. The
initial period is that period when the turbulence has almost achieved isotropy,
but is still dispersion limited. The value of the coefﬂcient n is variously de-
termined as unityl® or 10/719.

The turbulence produced in our tests was certainly not isotropic through-
out most of the duct. However, the data of several runs was fitted to a curve

of the form
(AP)’ . (t-to) —n
AP ti—t

in the following manner.

From data obtained from the three axial measurement stations, the six
curves shown in Figure 12 were plotted. These data led to six non-redundant
sets of the empirical parameters P;, ty, n. Selection of an average for the
exponent n then led to the plotting of the six sets of data on the single curve of
Figure 13, Table 1 lists the values of the parameters obtained for the six
tests, In all cases the value of t; indicateg that the virtual origin was down-
stream from the terminal shock system itself, which, together with the low
value of n (ny,. = 0.45) indicates that there is probably considerable residual
production of turbulence in the early portion of diffuser as well as a time lag
before the motion settles down to the high rate of decay characteristic of
turbulence, o
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Figure 12  Turbulator Wall Static Pressure Distribution and Axial Decay
of Turbulence with Length
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TABLE I
DECAY STUDY DATA

P
TERMINAL  PRESSURE . TRMS AVG Y
RECORD  CONFIGURATION  MACH NUMBER  RECOVERY P12 a N
BOUNDARY
1167 LAYER BLOW 0.60 0.614 0.0184 042  -0.00148
BOUNDARY
I3 LAVER SLOW 1.056 0.804 0.0405 0.445  -0.00073
1269 UNMODIFIED 105 o088t 0.0189 047  .0.00005%8
BOUNDARY :
" LAYER BLOW 1.28 0.644 0.0495 044  -0.000217
1303 UNMODIFIED 144 0.727 0.0423 0.495  -0.00010
1037 UNMODIFIED 1.59 0.832 0.0485 043  -0.0000015

As is evident from Table 1, the data of Figure 9 covers a very wide range
of operating conditions, which illustrates the usefulness of this correlation pro-
cedure. The wall static pressure distribution corresponding to the various test

runs is given in Figure 12. o
i
. The surprising constancy of the exponent n for the test diffuser, over a
wide range of operating conditions, indicates that the decay rate of a given dif-
fuser may be well characterized by such an empirical parameter. If this were
the case, it would allow easy estimation of the effects of shortening a given
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diffuser. It is apparent, however, the value of n will depend upon the perform-
ance level of the diffuser, so that we might expect a diffuser that permitted sep-
aration along its length to have a lower value of n than one which was designed
to operate unseparated.

An illustration of downstream turbulence affecting the decay rate can be
seen in the following example. Several 3 inch diameter vortex shedding pipes
were inserted between the inlet shock wave system of the test duct and the com-
pressor face. These pipes were selected so that vortices-would be shed at a
natural frequency of approximately 400 Hz at the high flow rates. That this oc-
curs is evidenced by the large energy content in the P.S. D. in the region of 400
Hz. Figure 14 compares the corresponding P.S.D. at the furthest upstream
measuring station to that at the engine face. Interestingly, this downstream
turbulence production affected the upstream production of turbulence to a great
extent, probably by amplifying the shock movement. ‘A similar phenomenon oc-
curred at lower flow rates when the pipes were present, but at proporticnately
lower frequencies. o
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Figure 14 Effect of Vortex Shedding Pipes
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VI. INVESTIGATION OF INSTRUMENTATION REQUIREMENTS

Because of the flow blockage which high response instrumentation can pro-
duce, a brief study of the number and distribution of total pressure probes
required to accurately describe engine face turbulent distortion was conducted.
A single composite (steady state plus turbulent) instantaneous distortion pattern,
Figure 15, which had occurred just before a compressor surge was chosen for
the study. The pattern is evidently highly distorted circumferentially, with re-
latively very little radial distortion, The combinations of probe~rake configura-
tions used in the study are listed in Table II. Each probe-rake configuration
was rotated through 360°® in 20° increments and pressure readings were taken at
each probe position for each incremental rotation. Circumferential and radial
distortion factors, Kgand Krad (see Appendix), were computed from each set
of data. The results are plotted in Figure 16 wherein AKy is the maximum K
minus the minimum Kg realized for a given probe-rake combination. A similar
explanation holds for AKrad.

Figure 15 Distortion Pattern Studied
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TABLE II

PROBE/RAKE COMBINATIONS USED FOR DISTORTION STUDIES

ARAKES S RAKES -
3 PROBES PER RAKE 3 PROBES PER RAKE
5 PROBES PER RAKE ‘5 PROBES PER RAKE
6 RAKES ' ' 8 RAKES
3 PROBES PER RAKE . 3PROBES PER RAKE
5 PROBES PER RAKE ' 5 PROBES PER RAKE
PROBES/RAKES
e 3
® 5
0.30 3.0

AKRAD/KRAD ;s

NO OF RAKES NO OF RAKES

Figure 16 Distortion Factor Dependence on Probe/Rake Configuration

The conclusion is that, as expected, the more probes used the better the
answer. However, it appears that for small scale model tests where the block-
age of the rakes could limit the number of probes allowable, 6 rakes with 3
probes per rake are probably adequate to at least predict trends. When block-
age is not a problem, 8 rakes or more of 5 probes each could provide much
more precise distortion factors. ’
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VII. SUMMARY AND CONCLUSIONS

The amplitude and frequency characteristics of the stagnation pressure
fluctuations in a diffusing duct were studied. It was concluded that the turbu-
lence Reynolds numbers were in a range where the decay of the turbulence
intensity is limited by the dispersion, not by the dissipation. A consequence
of the dispersion limited condition is that the decay data of small scale tests
may be extended directly to large scale tests, without the requirement of pre-
serving the Reynolds number. Also, P.S.D.'s from scale inlet tests can be
scaled to full size inlets without difficulty, regardless of Reynolds number dif-
ferences, Experimental data is presented which supports these hypotheses.

An empirical fitting procedure was exploited to correlate a wide range of
decay results for the test duct. It was found that the empirically obtained ex~
ponent for the decay rate was very nearly constant for the entire range investi-
gated, indicating that the technique should be useful in characterizing the be-
havior of 2 given inlet with regard to the axial decay of turbulence.

Invastigation of the data indicated that there was significant turbulence pro-
duction in the initial portion of the diffuser, following the shock system. It is
believed that this production arises from the regions of high shearing identified
with separation in the diffuser. It i8 recommended that the development of very
short diffusers be accompanied by measurement of their turbulence characteris~
tics because of the lack of length for decay ahead of the engine.

An investigation of the minimum number of probes required to adequately
describe inatantaneous engine face distortion indicated that in small scale tests
where blockage is a problem, 6 rakes of 3 probes per rzke are probably ade-
quate to at least predict trends. Where blockage is not a problem, 8 rakes or
more of 5 probes each could give much more precise information.
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APPENDIX

DEFINITION AND CALCULATION OF
CIRCUMFERENTIAL DISTORTION FACTOR (Kp)

A typical turbofan engine inlet which has been instrumented to provide distortion mea-
surements is shown in Figure A-1. An understanding of this figure is required to define the
distortion factor. Eight radial instrumentation rakes are placed within the annular area. Each
of these rakes contains five pressure probes at the center of five equal areas. Pressure varia-
tions can therefore be analyzed circumferentially as a function of the angle (8). For instance,
the dashed line in Figure A-1would represent the circumferential variation of the third ring
as it is formed by connecting the third probe on each rake. :

3RD RING

OQUTER
WALL

® TOTAL PRESSURE
PROBES

Figure A-1 Turbofan Engine Inlet Schematic Instrumented for Distortion Measurements

454




The formula for the circumferential distortion factor is

b (7)) e

|
Ring = | Dlh;

(Eq.1)

where
J = number of total rings which is equal to number of probes per rake.
D = diameter of the ring or radial probe.
Q,.= average inlet absolute velocity head at the face of the engine (1/ 2pr2).

\N?

Figure A-2 gives a simple zxample of a pure 180-degree circumferential distortion in
which the circumferentiai variation of local pressure (Pp3) to the average total pressure
(P,) is shown. The equation for this curve can be written in terms of Fourier series. In

A
To define the term ( _.”_) , more detailed explanation is required.
max

general,
Prs oo
= = 1+Z a cosf + a,cos20 + ... a, cosN@ + b, sinf + b, sin 20
P, N=1 N v 2
+.. b, sin N§ (Eq. 2)
where
L 4
a, = A / Pra (8) cos N@ d6
N =T —_— cos
LI A Fn
L 4
] Pn .
by = — o (68) sin N@ do (Eq. 3)
T Jx T2
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180° INLET PATTERN
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Figure A-2

CIRCUMFERENTIAL PRESSURE PROFILE
AT A GIVEN RING
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Pure 180-Degree Circumfereniial Distortion Schematic

If we define A, = v ay *+ b}  then the series can be written as:

= 1 +Z A sin(NO + (Eq. 4)
™ = sin .
Fn N=y N on) 1
For this particular example, the series becomes after integration and éimpliﬁcation:
P P , P
_11 = 1+ i —Tz max =1l sino + i ~T1max —1|sin 30 +
P, 1 T2 3| P,
P R
4 : -
=2 sinsg 4 . (Eq. 5)
s7 |P,, -
An
We now can look for the maximum N7  term. Listing these terms they are:
A P ] 4
for N =] S =_4 ll12mma _; N =4 — =0
12 (1) P, 4
N -
N =.2 :‘130 N=3S§ ﬁ:__L PTlmu 1
2 1 s* s=(5y | P,
N =23 il = 4 PTZ max  _ |
37 3x0) | P,
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For this case and for most cases, the first harmonic has the greatest influence

_A_N_ = i PT)mu -1
Nl may n FTz

which is then used to evaluate the distortion factor.

particular example then

A formula for the radial component ie

t" (APT ) F_". !
. Ring =} FT? Ring ouv Dzm.
KRA - ‘ i

"Rz DY,

where:

(ﬁ) - Fn - ‘Fn)mn;
P Ring p-1‘2

RING

(Pyq)

D ENGINE INLET DIAMETER 00

Figure A-3 Definition of the Term (APT) ring
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A POSSIBLE MECHANIS*: FOR INLET/ENGINE
INTERACTIONS DUE TO INLET FLOW FLUCTUATIONS

M. B. Sussman and G. W. N. Lampard
The Boeing Company
Commercial Airplane Division

SUMMARY

This paper presents several theories concerning compressor stall difficuities encountered in recent
sirplane development programs. Previously published material discussed all except one concerning
the discrete frequency mechanism for inlet-engine instabilities. This theory is supported in this
paper. Data concerning the oroposed mechanism for injurious discrete frequency effects are drawn
from varied sources and assembied. Some recent Boeing test data are included.

PROBLEM BACKGROUND

Compresscr stails encountered during ground and flight testing of two recent military sypersonic

-4 aircraft systems have been discussed by F. T. Rall.] Numerous other references exist. The quality
of air presented to ihe engine is recognized as the source of the stall difficulties. Studies of this
problem have generated a great deal of test data concerning the condition of the air delivered by the
inlei, The flow properties of the air are generally expressed in terms of distortion and turbulence
characteristics.

The degree tc which the engine will withstand poor quality sir has also been ihe subject of
investigaticn. Conclusions based on these diverse data have not alwsys been unanimously accepted.
This is due to a general lack of understanding of the precise manner in which the engine is affected
by the quality of air entering it. Thus, today, several distinctly different theories are advanced by
separate investigators concerning compressor stall problems. At least three are readily identifiable
and are depicted schematically in Fig. 1. The major assertions of each ars described below.

Theory |

According to the first theory, the compressor is primarily sensitive to distortion patterns. This
specifically includes those patterns that change 1apidly with time. Thus, the current concept of
turbulence is interpreted here simply as time-varying distortion. Moreover, the rapidity with which
the pattern can change and still be “felt” by the compresso: in a quasi-steady sense is believed to be
scaled by the rpm of tie rotor. Some flight test data recently analyzed to evaluate instantaneous
distortion levels will te discussed later.

Theory 2
A second theory explaining the effect of nonsteady anflow on the operation of an engine has been
suggested by Kimzey and Lewis.2 A test was run at AEDC in which a 193 engine was operated

behind a simulated inlet or “turbulator.” From the results of this test, it was concluded that engine
surge margin reduction can be correlated with the root-mean-square (rms) level of the time-varying
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component of the total pressure at the compressor face. In this approach it is assumed that the
significant parameters of the nonsteady flow must be interpreted in a statistical sense. Typically,
data are analyzed in terms of its rms level, frequency spectra, and correlation properties.

Theory 3

The third theory considers that in a dynamic sense, the inlet flow field may not be what is predicted
when based on a steady-state analytical model. Specifically envisioned are possible large-order
pulsations of the flow. These may be partly, or perhaps completely, correlated over the compressor
face. In any event, this line of reasoning associates particular discrete frequencies with a given
inlet-engine configuration. It is believed that flow transients detrimental to system stability would
occur at these rather low (and predictable) frequencies.

Z
o
©
g
=
w
Q
«
3
RMS
STATISTICAL
INSTANTANEOUS TURBULENCE
DISTORTION ‘

ORGANPIPE ] |

DISCRETE
FREQUENCY

Figure 1. Current Inlet Dynamics Theories
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The specific purpose of tiis paper is to show that substantial data exist to support this third
(discrete frequency) theory. That is not to say that theories 1 and 2 are incorrect, but that in view
of the importance of the problem, the discrete frequency argument should not be overlooked as a
possiole contributor. To understand the overall argument in concise, familiar terms, see Fig. 2. In
this figure, we illustrate the amplitude frequency response of a typical high-response pressure
transducer mounted in an “organ-pipe” configuration. The data is the transducer output for
different frequency pneumatic input signals all of the same amplitude. The important point is that
the mounting tube, while not interfering with the low-frequency (i.e., “steady state’) characteristics
of the system, drastically alters its dynamic properties. The three prominent amplification peaks are
well recognized as the “‘natural” or *“‘organ-pipe resonance’ modes for the geometry employed. The
amplification results, of course, from the more efficient conversion of the available input energy
into pressure fluctuations at the resonant frequencies.

This paper intends to demonstrate that a supersonic inlet will often behave in a manner and exhibit
dynamic properiies very similar to the total pressure instrumentation of Fig. 2. A substantial
amount of data related to current aircraft induction systems confirms this.
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XDCR MCUNTING
ADAPTER

ORGAN-PIPE MOUNTING -

+20

+10

0 dba \/
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FREQUENCY CPS
Figure 2. Common Example of Organ-Pipe Resonance
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EVIDENCE OF INLET DISCRETE FREQUENCIES

A great deal of full-scale inlet-engine test data have been accumulated in connection with the B-70
and F-111 aircraft programs. These data have often been processed with either theory I or 2 in
mind. That is, the data have been analyzed and displayed in terms of instantaneous distortion levels
or in terms of rms averages. The fact that discrete frequency components apparently exist in the
data has received only minor attention.

Figure 3 is a time-history trace of a compressor-face total pressure probe taken from Ref. 3. In this
test, the properties of a choked-inlet turbulence generator were being cold-flow tested prior to
running the dcvice ahead of a YJ93 engine. The device was intended to simulate pressure
fluctuations associated with compressor stalls experienced in previous B-70 inlet/YJ93 engine tcsts.
This trace itself indicates a discrete frequency component at about 25 cps. These indicaticns are
confirmed in Fig. 4, an autocorrelation of other data from that test. Kimzey noted in his report that
a large number of low-amplitude resonance spikes existed in the spectrum. This in itself is not
exceptionally significant. It is, however, a point to keep in mind in connection with the following
data.

0.08
SEC

TOTAL PRESSURE FLUCTUATIONS

TIME

Figure 3. Tdta/ Pressure History, YJ93 Airflow Simulator and Turbulence Generator
(Kimzey, Ref. 3)
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Figure 4. Autocorrelation of Total Pressure, YJ93 Airflow Simu/atdr and Turbulence Generator
{Kimzey, Ref. 3;

Figure S is data from an early phase of the F-111 flight test program. Distortion is plotted in terms
of the engine manufacturer’s index versus time. This plot is especiaily interesting because the data
presented have been assembled to evaluate the instantaneous distortion argument. The distortion
index shown is unquesticrably undergoing rapid variations with time. However, a very intercsting
feature of this plot is the resembiancé to a divergent osciliation building up just prior {o stall. The
last three large peaks can be visually estimated to have a frequency of about 25 cps. Foran F-111
inlet duct, this frequency is of the order of the inlet “natural” frequency, computable by a simple
formula. Perhaps the agreement is fortuitous. However, it is intuitively plausible that if the inlet
were to be driven into resonance, this condition wouid build up in a manner very much like the
figure depicts—as a kind of divergent oscillation.

Figure 6 represents some recently completed Boeing test data taken at Mach 2.6 from a 1/6-scale
model of an early design concept for the SST inlet. Shown as a function of frequency are a
third-octave analysis of a single compressor-face probe (thin solid line), and the joint correlation of
two adjacent compressor-face probes (heavy solid line). Together, the two curves indicate activity
around 130 cps, wnich at least in a limited area at the compressor face, is well correlated. The data
shown are for an off-design inlet geometry (throat door open) condition and were partial results of
an investigation of an unstart-restart sequence. By comparison, the broken lines indicate that the
activity disappears when the throat door is closed. Because of limited instrumentation for this run,
we have not pinpointed exactly where the resonance occurred; however, the frequency is of the
right order to correspond with two or three inlet lengths determined by this inlet geometry.
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No dramatic conclusions can be drawn from the preceding figures. It is, however, important to
observe that discrete frequencies have appeared in some of the test data associated with the aircraft
programs noted. The tendency for these to appear is most evident at what would be termed
off-design conditions.

INTERPRETATION OF DISCRETE FREQUENCIES

Figure 7 (taken from Ref. 4) is representative of a good deal of recent NASA Lewis testing
concerning the frequency response characteristics of th.z subsonic diffuser portion of a supersonic
inlet. The figure shows the amplitude response of the terminal shock wave normalized to its
low-frequency (or quasi-steady) value. Two points are noteworthy,

® At higher frequencies, the shock motion becomes stuggish in trying to maintain the amplitude
that it can achieve at low frequencies. It is only at the *“natural” or resonant frequency that

conditions are again conducive to large order amplitudes.
® The shock (inlet) resonant frequency is quite predictably determined from cverall inlet
geometry characteristics. In fact, the frequency is weil predicted by the simplie formula:

f—-— (1-M%

Here, f is the resonant frequency in cps; V is the sound speed in ft/sec; M is the average
subsonic duct Mach number; L is the inlast resonating length; and n = 2 or 4 depending cn the
boundary conditions,

It should be stressed that the above data are in response to an imposed sinusoidal disturbance. The
device used to impart the disturbance and thus produce an inlet resonance is clearly contrived and
not a part of the actual inlet. The data nevertheless clearly show how the inlet would be expected to
behave dynamxcally and invite obvious comparison with Fig. 2.

-
o

-

NORMALIZED AMPLITUDE RATIO

! | J

1 10 100 1000
FREQUENCY, CPS
Figure 7. Dynamic Response of Terminal Shock Wave for NASA Lewis M2.5 Supersonic Inlet
(Wasserbauer and Willoh, Ref. 4)
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Figure 8 of Ref. 5§ shows some recently published North American Rockwell data related to wind

tunnel tests of a supersonic inlet operating in the started mode. The frequency spectra of a

compressor-face total pressure probe for two different inlet recovery levels (i.c., different

compressor-face corrected weight flows) are shown. Several important points should be noted.

® These data illustrate that inlet resonance can and does occur in a supersonic inlet operated in
its intended fashion, i.e., without the use of a contrived device to produce inlet pulsations. The
reference identifies the two prominent peaks which are brought out in the low recovery mode
of operation with the Helmholtz and organ-pipe modes of the inlet geometry.

®  The resonance peaks are tremendously exaggerated at the off-design inlet operating condition
labeled “low recovery.” Somehow, the energy which previously had been distributed in
random fashion over the frequency range has been funneled up inio the two discrete
frequencies noted.

POWER SPECTRAL DENSITY
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Figure 8. Inlet Total Pressure Spectra for Two Recovery Conditions
' {Kostin and Millstone, Ref. 5)
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Figure 9 of Ref. 6 helps clarify interpretation of inlet discrete frequency fluctuations. The data
presented are related to the F8U-3 inlet which was tested at NASA Lewis in small scale some 10
years ago. Also shown are the measured inlet recovery and predicted frequency of instability. Both
are plotted against duct Mach number. Fraiser termed the instability “flutter,” and reported that
agreement of measured data with predictions based on a Helmholtz resonator model of the
induction system was quite satisfactory. Also included in Fig. 9 are two time-history traces recorded
on an oscillograph for two separate inlet locations. Two interesting points were made by the
investigator, . :
® The instability pictured was definitely not buzz. Fraiser made the useful distinction that
“evidently, ‘flutter’ which is an instability caused by internal flow phenomena, occurs at the
duct fundamental frequency while ‘buzz’ caused by external flow phenomena occurs on a
harmonic of the fundamental frequency.”
®  Although the flutter was generally milder than buzzing for that inlet, the investigator points
out that “at Mach numbers higher than design, the flutter amplitude increases rapidly.”

Summarizing Figs. 7 through 9, we can say that inlet discrete frequencies can often be readily
interpreted in terms of the inlet natural frequencies (either Helmholtz or organ-pipe) and that in
fact, analytic treatment of these phenomena appears to hold quite gosd promise. Furthermore, it
would appear that whereas the resonance is often quite weak or even indiscernible for on-design
inlet operation, the situation changes quite rapidly for off-design conditions. It is interesting to note
here that this was essentially the same state of affairs reported in the early J93 engine test series
when the tendency for engine difficulty increased as the inlet was run off-design.

CALCULATED DYNAMIC RESPONSE CHARACTERISTICS
OF A SCALE INLET MODEL AT DESIGN MACH NUMBER
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Figure 9. Scale Model FBU-3 Inlet Duct Properties
(Fraiser, Ref. 6)
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CONSEQUENCES OF INLET RESONANCE

The thesis of the paper has been that engine surge problems have been encountered; that some of
the data indicate the presence of discrete frequencies; and that these frequencies are entirely
explainable and to some extent predictable. It would be nice to conclude here with data indicating
the relationship between inlet resonance and engine surge. Unfortunately, these data do not yet
exist, or at least the writers are unaware of them if they do. The closest data available are shown
previously in Fig. 5 for the F-111 just prior to stall and this alone is not very satisfactory.

Although data relating resonance to engine surge are scarce, data illustrating the injurious effects of
inlet resonance on air induction systems or engines are not.

Figure 10 is a schematic of The Boeing Company 737 ram-air inlet system which serves solely as a
heat sink for a system of heat exchangers which reject heat generated by cabin air conditioning

RAM-AIR INLET
RAM-AIR EXIT

RAM-AIR DUCT

SECONDARY
HEAT EXCHANGER

PRIMARY
HEAT EXCHANGER

RAM-AIR EXIT
Figure 10. Ram-Air Induction System — 737 Airplane
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systems. A recent investigation of a component failure problem associated with this duct work was
linked to inlet pressure fluctuations of some magnitude. The data showed that peak-to-peak static
pressure pulsations of up to 0.8 psi were occurring. Moreover, the oscillograph traces were shown to
be either of a random nature or of a smooth sinusoidal form as shown in Fig. 11. The data indicated
that the higher levels of fluctuation invariably occurred with the sinusoidal traces in association

with resonance of the ducting system.

Figure 12 taken from Ref. 7 shows a problem which occurred during bellmouth inlet testing of a jet
engine compressor. The figure shows the vibration levels as a function of rpm for the test
configuration both with and withcut the bellmouth. The additional high level vibration with the
bellmouth configuration at about 7,200 rpm was identified by November as resulting from an
acoustic resonance within the bellmouth which was excited by a 1-per-rev excitation resulting from
the compressor. November observed that the fluctuations associated with such resonance can
generally be tolerated. However, on occasion, oscillation amplitudes of up to 15 psi peak-to-peak
have been recorded. The results in these extreme cases have included damage to the test model.
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Figure 12. Compressor Rig Vibration With and Without Inlet
(November, Ref. 7)

SUMMARY OF DISCRETE FREQUENCY ARGUMENT

The arguments presented in this paper are summarized pictorially in Fig. 13. An analogy can be
made with the simple mass-spring system and the schematic of the supersonic inlet. Imagine this
system driven by a forcing function that has a random distribution of its spectral content. In such a
case, we generaily expect to observe the mass dancing around at the end 9!' the spring in a similarly
random fashion. Corsider, however, that the driving force, over some particular interval of time,
possesses slightly more energy than usual in the frequency range defined by the natural frequency
of the mass-spring system. In this case, we would expect rather large order oscillations to occur in
response. '

If we extend the analogy to the inlet, the natural frequency becomes either the Helmholtz or
organ-pipe type of acoustic modes. Furthermore, it appears that the driving force should be
associated with the energy available from the flow fluctuations generated by the inlet
shock-boundary layer interaction in the upstream flow. The role of shock-boundary layer
interaction in this problem has been ovserved by a number of investigators. As the flow becomes
increasingly disordered (i.e., as we proceed further off design), greater amounts of this white noise
type energy are available to excite resonance.

The fact that observed engine stalls occur randomly, but more frequently at off-design conditions, is
explained by the mechanism advocated here. On certain occasions, the energy associated with the
shock-boundary layer interaction might tend to be concentrated near the inlet natural frequency.
When this happens, a stall is likely to occur. Furthermore, as the inlet is run more and mote off
design, the strength of the driving force is increased, thus heightening the tendency of the engine to
stall.
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Figure 13. Proposed Mechanism for Inlet Dynamics — Mechanical Analogy

In conclusion, a mechanism has been proposed to help understand engine stall difficulties which

occurred in two recent aircraft development programs. The ideas discussed here are summarized as

follows:

®  Data related to these specific aircraft programs (as well as to others) indicate the existence of
discrete frequencies in the inlet system. .

@ These frequencies are readily interpreted and even analyzed in terms of inlet natural
frequencies. .

¢  While direct data linking resonance to engine stall do not exist, substantlal ewdence ﬂlustrates
potentially injurious effects on both the inlet and enginc systems.

CONCLUDING REMARKS

It should be stressed again that several currently existing theories explain the stall difficulties. While
the arguments presented here suggest a discrete frequency mechanism as a caus¢, they do not rule
out the correctness of other theories. However, in the interests of arriving at a satisfactory solution
to this problem, the writers have attempted to give the resonance mechanism a fair hearing for
general use in interpreting and correlating certain data of other test programs currently being run in
this problem area.

The Boeing Company, under partial Air Force sponsorship, is currently engaged in such testing in
conjunction with its own research and SST programs. This testing is to be conducted with a
1/4-scale SST-type inlet and a specially modified J85 engine in a transonic propulsion wind tunnel.
A specific objective of the testing is detailed exploration of some of the ideas discussed here. Figure
14 is a photo of the test configuration,
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UPSTREAM INFLUENCE OF AN AXIAL COMPRESSOR
ON CIRCUMFERENTIALLY DISTORTED FLOW

Alan H. Spring

Fort Worth Division of General Dynamics

For a more thorough understanding of subsonic duct
flows and distortion phenomena, a particular analysis was
applied which illustrates the upstream readjustment of the
flow caused by the presence of a compressor. Several far
upstream total pressure and velocity distortion patterns
were assumed and results were computed which show that flow
angularity and static pressure distortions are presgent at
the compressor face where none were present far upstream,
Conclusions are drawn with possible implications for engine-
inlet compatibility and recommendations are made for experi-
mental investigations to verify the theory and to determine
possible methods for simple passive gimulation of compressors
for inlet testing.

INTRODUCTION

A thorough understanding of steady state distortion in
a ducted flow is an essential element in resolution of the
total engine-inlet.compatibility problem. A distorted flow
in the inlet of a typical highly integrated, high-performance
propulsion system will be affected by duct bends and creoss
section changes as well as by the compressor itself. The
upstream influence of the compressor has been predicted
theoretically by a number of authors, but their attention
has generally been confined to the flow within and downstredm
of the compressor.

As a first step toward understanding of the upstream

effects of the compressor and the possible implications for
engine-inlet compatibility, a linearized analysis (Ref. 1)
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restricted to steady-state circumferential distortions in an
incompressible flow was studied in detail and applied to

obtain a variety of results for the region upstream of the
compressor.

DISCUSSION

Several authors have addressed themselves to the problem
of mathematically modeling the presence of rotating machinery
in ducted flow. The most common approximation has been the
so-called "actuator disc'" approach in which a single row of
rotor blades is described by discontinuities in certain flow
properties. It is possible to analyze a number of situations
depending on the combination of agsumptions chosen. Hawthorne
and Horlock (Ref. 2) presented theory which shows the radial
re-adjustment of streamlines in a radial equilibrium flow.
They also discuss representation of an axial compressor by
means of a distribution of discs. On the other hand, Dunham
(Ref. 3) congiders the two-dimensional (small annular gap)
flow in which circumferential distortiorns are modified by a
series of actuator discs. Dunham also discusses the low hub-
to-tip ratio situation and rotating stall. Extension of the
"actuator disc" theory to Include combined radial and circum-
ferential distortion has been presented by Yeh (Ref. 4).
Recently, Callahan and Stenning (Ref. 6) presented an analysis
similar to that of Piourde and Stenning which included radiel
distortions and compresgibility effects. Their theoretical
predictions were conflrmed by experimental data. Tests of a
full scale engine-inlet combination which demonstrate the
upstream influence of the compressor were reported by Winslow
(Ref. 7). The above authors have provided a theoretical and
experimental background tc¢ build further understanding of
inlet distortion.

The impetus for this author's study of the upstream
problem was provided by Sussman (Ref. 5) while the recent
work of Plourde and Stenning (Ref. 1) has provided theory
particularly adaptable to the illustration of the upstream
effects. Plourde and Stenning have developed an analytical
model of a multi-stage compressor which eliminates the com-
plexities involved with the actuator disc analysis of a
multi-stage machine. The compressor 1s modeled by a distri-
buted axial body force and an empirical resistance to tangen-
tial flow. With the agsumption of small circumferential
distortions in an incompressible flow, the governing inviscid

flow equations reduce to:
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The physical model implied by the assumptions of the analysis
is shown in Figure 1 along with a definition of the nomencla-
ture of equations (1) and (2). The quantities u' and v' are
small perturbations to the axial and circumferential velo-
cities, respectively. The factor K appearing in equation (2)
repregents an empirical description of the resistance of tte
compressor to tangentlal flow. The quantity B in equation
(2) is interpreted as the compressor characteristic parameter
and ia proportional to the slope of the compressor pressure
rige when plotted as function of mass flow per unit area.
Closed form solutions to the set of equations (1) and (2)

may be obtained such that for the region upstream of the
compressor,

u(x,8) = U + g:[(en+AnenxA‘)cosn9+(6n+ﬁnenX/r)sinn6](3)

Ti=Y

&ud

j
v(x,68) = v':Z(Anenx/rsinne -.ﬁnenx/rcosne) 4)
n=1

The details of the solution to equations (1) and (2) are
quite involved and for the saka of brevity will not be
repeated here. The complete details of the solution are
given by Reference 8. The quantities A, and A, are functions
of K and B so that the characteristics of the compressor are
seen to have a definite effect on the upstream re-adjustment.

In order to generate sample results which demonsgtrate
the upstream influence of the compressor, the distortion
patterns far upstream of the compressor face are assumed in

the form
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D =D + [Yncosn9+.£nsinne] (5)

P = .5 = VCODSt- (6)

For small perturbations the upstream velocity coefficients
€n and O, are written
Gn = pﬁyn (7)

6p=pUé, (8)

Equagions (3) through (8) along with the expressions for A,
and A, provide a complete description of the upstream flow
for a given set of the parameters K, BL/p@, L/r, Yy and £q.

For the special case when K = ® the solutions for u and
v reduce to the form

j 3
_ nx/r
U o= T + E [1 (BL/p.‘i__-->e ][encosnemnsinnel
I \1 +BL/pT ) ]

( BL/pu ) nx’r(ensinne - éncosne) (10)
—< |\1 + BL/pT _

The solutions for K = ® provide useful and simply obtained
results., This solution isg used for the sample results given
in the discussion to follow. Figure 2 shows the variation

of the induced velocity coefficient A,/€¢, as a function of

K with BL/pU as a parameter. Figure 2 shows that for values
of K above five (5) that the results are essentially the same.

<
1]
<
Il‘

1)
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SAMPLE RESULTS

For the studies reported in Reference 8, a variety of
far upstream total pressure patterns were asgsumed and the
regsulting velocity and static pressure variations were com-
puted. For example, the results shown in Figure 3 serve to
illustrate the upstream influence of the compressor. In
Figure 3, the simple ginusoidsl total pressure pattern was
assumed far upstream (x = -), Ag was assumed in the analysis,
the static pressure is uniform far upstream and the circum-
ferential velocity is zero. The axial velocity variation
shown is implied by the other far upstream conditions. At
the compressor face (x = 0), the total pressure pattern is
unchanged (by assumption), but significant changes occur in
the static pressurc and velocity distortion patterns. While
the axial velocity and corrected flow distortions are attenu-
ated, static pressure and circumferential velocity (flow
angularity) distortions are generated. Additional results
based on the simple sinuscidal case are shown in Figures 4,

5 and 6. Figure 4 shows the variation of the static pressure
distortion amplitude with distance upstream of the compressor
face. The variation of maximum flow angularity is shown in
Figure 5. Figure 6 shows how the maximum flow angularity
increases with the amplitude of the total pressure distortion.

The results shown in Figures 7 end 8 illustrate the pro-
nounced effect of the shape of the initial total pressure
pattern. The trend of re-adjustment is identical to that of
the simple sinusoidal case except that the maximumn flow
angularity is much higher for the square wave case. A com-~
parison of the sinusoidal and square wave cases is shown in
Figure 9 where angularities and velocities are given relative
to a compressor blade. Here agsin striking differences are
noted between the sinusoid and square wave case even though
the levels of total pressure distortion are the same.

CONCLUSIONS AND RECOMMENDATIONS

The analysisg used to generate the sample results pre-
sented in the foregoing discussion is a useful and convenient
tool for investigating the upstream influence of an axial
compressor on &8 circumferentially distorted flow. Based on
the theory some tentative conclusions may be drawn which
have implications for engine-inlet compatibility. A basic
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assumption of the analysis is that the total pressvre distor-
tion remains essentially unchanged, while flow angularity and
static pressure distortionsg are induced. If this asaumption
is valid then the current use of the total pressure pattern
as the basic parameter for distortion simulation by airframe
and engine companies is valid. On the other hand, each
company should recognize that upstream re-adjustment does
cccur and should plan their design and testing accordingly.
Specifically, the airframe company should simulate the
presence of the compressor in inlet testing to reduce the
possibility of unrecognized effects. Likewise, the engine
company should fully recognize in their design and testing

the nature of the compressor induced re-adjustment (particu-
larly circumferential flow angularity). Winslow (Ref. 7)

has made similar conclusions and has pointed out experimentally
the uncertainties involved in generalizing the upstream influ-
ence of the compressor,

Calliahan and Stenning (Ref. 6) have made the obvious
extensions to the presently applied theory. Hence, it is
recomreended thst further theoretical work on the upstream
problem be preceded by additional experimental efforts
designed to place the upstream influence problem in proper
persrective ({.e., Does it have a significant influence on
engine-inlet compatibility?).

Theoretical and experimental investigations to determine
possible techniques for simple passive simulation of compres-
sor effects for inlet testing are recommended. While inflow
distortion has been successfully simulated for engine testing
(e.g., Ref. 7), little has been done to simulate the upstream
influence of the compressor for inlet testing. Since a com-
‘presgor tends to attenuate the axial velocity distortiom,
then a device such as a choked screen offers a distinct
possibility for compressor simulation. Honeyzomb sections
are another possibility which do not exhibit the pressure
rise characteristics of a compressor but nevertheless induce
the upstream re-adjustment of the inlet flow.
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PROPULSION SYSTBM FLOW STABILITY
Arnold W. Martin

North American Rockwell Corporation, Los Angeles Division

This presentation summarizes the objectives, status, and scme of the
highlights of the Prcpulsion System Flow Stability program. Of necessity,
only a few parts of this Aero-Propulsion Laboratory-sponsored program will
be discussed. Those desiring further information are referred to the
Phase I final report, AFAPL-TR-68-142. The report consists of 20 volumes
or parts; the first part being a summary of and a guide to the other parts.

The ultimate objective of the program is to develop a control system
concept which will (1) provide optimm performance during steady-state
operation and (2) maintain propulsion system stability by sensing and accom-
modating transients as they occur. Ideally, this concept would eliminate
those steady-state performance penalties incurred whem stability margin is
obtained by scheduling steady-state operation of the various components
below optimm.

The program is a team effort. Members of the team are the Allison
Division of General Motors, the Autonetics Division of North American ¢
Rockwell, Honeywell, the Los Angeles Division of North American Rockwell,
Northern Research and Engineering Corporation, and Pratt & Whitney Aircraft.

The program consists of two funded phases and a proposed third phase.
The recently completed Phase I consisted of research on the fundamental
causes of propulsion system instability and the development of analytic
tools. Phase I is discussed later in more detail.

The primary objectives of Phase II, now in progress, are the defini-
tion and analysis of '"‘accammodation control systems' for an RASC airplane
with J-79 engines and an advanced tactical fighter. Additional portions of
Phase II are (1) an analysis and test program to determine methods of scaling
inlet-turbulence data, (2) programming the cambustion instability model
developed in Phase I and use of the resulting computer program in parametric
studies, and (3) development of a computer program for predicting the per-
formance and stability characteristics of arbitrary fan-compressor combina-
tions operating over a range of bypass ratios. Phase II reports are
scheduled for release in February 197U.

In the proposed Phase III, hardware for an accommodation control system
would be fabricated, development tested, and installed in a flight test

aircraft. As presently envisioned, it would be a completely integrated control
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system for all elements of the propulsion system. The control system,
centered on a digital computer, would control all the elements of the pro-
pulsion system as an integrated whole, rather than as subsystems such as
engines, inlets, etc.

PHASE I TASKS
Phase I consisted of 7 tasks as shown in figure 1.

CATALOG OF TRANSIENTS- An industry survey was made and a catalog compiled
listing those transients which have and/or which might, in the future, cause
propulsion system instability. The catalog further listed those parameters
which might be used to sense or anticipate the onset of instability by the
accommodation control systems to be synthesized in Fhase II.

INLET INSTABILITY RESEARCH- The inlet instability research was concerned
primarily with inlet-induced turbulence. Existing model and flight test
data were analyzed; and, various statistical analysis techniques were
evaluated. S

ENGINE INSTABILITY RESEARCH- A combination experimental and analytical in-
vestigation of engine response to both steady-state distortion and turbulence
was conducted. A primary objective was tc determine what characteristics of
inlet-induced turbulence were critical from compressor surge considerations.

NUMERICAL DEFINITION OF DISTORTION- A fornat for defining the distortion
(steady-state and dynamic) that an engine can tolerate, and conversely,
the distortion that a specific inlet will generate, was derived.

PERFORMANCE POTENTIALS OF AN ACCOMMODATION CONTROL SYSTEM- The fifth task
was an evaluation of the potential advantages (in aircraft performance terms)
of an accommodation control system. ‘

SURVEY OF SENSORS- A survey was made to determine both current capabilities
and near future capabilities of those sensors which might be required in
an accommodation control system.

PROPULSION SYSTEM SIMULATION DEVELOPMENT- The final task of Phase I consisted
of the development of the digital computer simulation program to be used in
the Phase II synthesis and analysis of accommodation control systems. The
simulation program for the camplete propulsion system is based on the IBM
DSL/90 program modified as required. It includes the logic and routines
necessary for self-initialization.

It might be noted that the development of a simulation program of the
complete propulsion system provides good practice in integration of the
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propulsion system of an actual aircraft. The same partners and methods

of operation and cooperation are needed, as are the same types of data.

In a similar vein, it was found that no amount of good intentions and
managerial agreements was as effective in ensuring integration as the
physical working together of the propulsion system simulation team members.

TYPICAL PHASE I RESULTS

INLET DYNAMIC DISTORTION -

Inlet Turbulence Characteristics - Three basic conclusicns were reached
from the inlet turbulence data analyses:

1. The most important turbulence-generating mechanism is boundary
layer-shock interaction. This is true even at subsonic flight
(or tunnel) Mach numbers where high turbulence levels are
generally associated with supercritical inlet operation (regard-
less of the free stream Mach mumber, flow is supersonic downstream
of the effective minimm-inlet area section during supercritical
operation). .

2. Turbulence contains both random and nonrandom camponents. As
terminal shock strength increases (recovery decreases), discrete
frequency energy peaks become more prominent; the peaks occurring
at or near the acoustic frequencies of the duct configuration.

3. Engine face total pressure spatial distortion can vary appreciably

' in a millisecond; and, the maximum distortion values are much
higher than would be measured by conventional "steady-state"
instrumentation. Further, there can be an appreciable variation
with time of the spatial average engine face total pressure.

Figure 2 shows the turbulence energy distribution with frequency at

three different recovery levels. The power spectral density curves are for
an engine face total pressure probe in a two-dimensional research inlet model.

As pressure recovery decreases (terminal shock strength increases),
there is a marked increase in the turbulence energy level. Further, much
of the increase is centered about two discrete frequencies. One corresponds
to the calculated Helmholtz frequency of the test configuration; the other
corresponds to the calculated organ pipe frequency. Other dynamic total
pressure data have shown peaks in cross correlation and cross power spectral
density curves at or near the inlet acoustic frequencies (even where no
resonance peaks were discernable in the power spectral density plots).
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These observations indicate that the probability of appreciable areas
undergoing the same pressure transient is greatest at the inlet acoustic
frequencies.

Both the variation of spatial average pressure with time and its
tendency to vary with the inlet acoustic frequency are illustrated in
figure 3. The data are from the NASA axisymmetric inlet tests conducted
for the NASA/Ames Research Center, reference 1. The points on the curve
were obtained by averaging the pressures of 20 engine face total pressure
probes at intervals of 0.0005 second. An unrealistically low recovery
condition was selected to emphasize the two points of significance. First,
an engine is subjected to both varying spatial distortion and varying
average total pressure during turbulent inlet operation. Second, the
spatial average pressure oscillations tend to coincide with inlet acoustic
frequencies. The ''beat note' period of approximately 0.013 second that can
be seen in portions of figure 3 is in close agreement with the calculated
organ pipe frequencies of the inlet model.

Inlet Turbulence Scaling - A major question arsa is how can model test
turbulence data best be scaled to full scale flight test conditions. From
the foregoing discussion and figures, it is apparent that a portion of the
data will frequency-scale in accordance with acoustic theory. To better
resolve scaling questions, a special test program was rumn at AEDC wherein
3 models were tested at identical conditions. The tests were run and data
analyses are being conducted as part of Phass iI. However, a brief out-
line of the program may be in order.

The three inlet configurations tested were representatlve of a high
performance aircraft and were identical except that:

1. One was a one-third scale model
2. One was a one-eighth scale model

3. One was a one-eighth scale model with a cylindrical extension
such that the distance from the cowl 1lip to the sonic point
flow control valve (just aft of the engine face rakes) was
identical to that for the one-third scale model.

Hopefully, the combination of three models will provide the data necessary
for scaling both the acoustic resonance and random frequency components of
turbulence. Figure 4 is a preliminary plot of data from the tests wherein
turbulence levels for the three configurations are compared at an extreme
attitude condition. Obviously, the problem of scaling turbulence data is
not a simple one.
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Total Temperature Transients - It is customary to think of inlet-induced
transients in terms of pressure only, just as engine face distortion and
turbulence values are almost invariably based entirely on pressure measure-
ments, The inlet simulation program developed and used on the XB-70 program
indicated that pressure transients, such as inlet unstart and buzz, were
accompanied by total temperature transients at the engine face which per-
haps, equally as important,could determine whether the engine(s) would or
would not stall. High-response thermocouples installed in one inlet of the
XB-70 during the latter part of the flight test program have shown that
such total temperature transients do indeed exist. Figure 5 shows both
simulation and flight test engine face total temperature transients. Here
the essential point is not the degree of agreement between simulation and
test, but the fact that inlet-induced total temperature transients do
mdeed exist and must be considered.

ENGINE RESPONSE TO DISTORTION - Engine response to distortion, with em-
phasis on the basic mechanisms by which distortion results in compressor
stall, was investigated in the 3-part program shown in figure 7. Details
of these investigations are given in Parts IV, V, VIA, VIB, VII, VIII,
IX, X, XI, and XII of AFAPL-TR-68-142, Propulsion System Flow Stability
Program (Dynamic), Phase I Final Technical Report.

Compressor Characteristics with Steady-State Distortion - A 2-part mathe-
matical model of compressor response to steady-state radial and circum-
ferential engine face distortion was developed by Northern Research and
Engineering Corporation.

The first part computes performance characteristics for any arbitrary
comprassor configuration sid operating point. The engine face flow anmulus
is divided intc an arbitrary ramber of streamtubes sufficient to define
the engine face distortion (pressure and temperature). Iterative calcu-
lations are made to determine the path of each streamtube and the proper-
ties of the airflow at each station through the compressor. The resultant
overall performance characteristics can be plotted as a conventional com-
pressor map. Figure 7 illustrates two characteristic speed lines, as
computed by the program, using as inputs the geometry of a NACA 5-stage
compressor. Also shown are experimental data points.

The foregoing program does not implicitly indicate the stall or surge limit
for the characteristic speed lines. The second portion of this effort
was, therefore, directed towards determining the stability limits. The
stability of the flow at each point in the computational grid of the above
program is calculated using the local properties of the flow as computed
in the original program. Limited checks with experimental data show

that predicted stability limits are in good agreement with test data.
Equally important, if the procedure is to be used as a design tool, it
indicates the region where flow breakdown first occurs. Figure 7 shows
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the agreement between calculated and experimental stability limits, and
the region where the flow breakdown was predicted for each of two corrected

speeds.

Compressor Response to Time-Variant Pressure - The mathematic models de-
veloped by Pratt § Whitney Aircraft were primarily concerned with compressor
response to time-variant pressures or turbulence. 7The related experimental
effort is discussed by Gary Plourde in a paper to be presented later in

this session.

A key element in the several math models developed was a stage-by-
stage model illustrated in figure 8. In this model, each stage (blade and
vane) within the campressor is represented by a control volume (defined
by the dashed line in figure §), and the individual stage performance
characteristics. The several "lumped-volume" stages are dynamically
coupled using momentum-continuity relationships.

Preliminary use of the model has shown intriguing potentials both
in predicting stability characteristics and in showing what configuration
changes would imp.ove stability.

Compressor- Induced Total Temperature Distortion - Compressor tests con-
ducted by Allison and results from the Northern Research and Engineering
Corporation computer program discussed previously show that appreciable
total temperature distortions can be induced by a compressor. Such dis-
tortion could be of particylar concern in multi-compressor engine con-
figurations.

Total temperature distortions measured in Allison tests of a research
compressor are presented in figure 9. The tests were run with screens
just forward of the compressor to provide total pressure distortion.

As a highly simplified explanation of the cause of the ineasured total
temperature distortion, consider two streamtubes passing through the com-
pressor. Total pressure st the upstream face of one streamtube is less than
that for the other. Both must empty into a common plemum area of essen-
tially uniform total pressure. Ccnsequently, different amounts of work
must be added to the two streamtubes; and, exit total temperatures will
therefore differ. That is, as total pressure distortion is eliminated
by the compressor, total temperature distortion is introduced.

NUMERICAL DEFINITION OF DISTORTION - To define the distortion that an
engine can tolerate and that an inlet will produce, a common language or
definition is required. It must be measurable in inlet tests, meaningful
relative to engine tolerance, and understandable to engineers and manage-
ment. There are a mmber of distortion indices in existance. All on
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occasion have shown two shortcomings. At distortion indices values where
no stall should occur, stalls do occur. At distortion indices values
where stall is predicted, engines operate normally.

Based on the investigations of this program, it has been concluded
that existing distortion indices omit some of the factors tending to
reduce compressor surge margin. Accordingly, an NDD (Mumerical Definition.
of Distortion) has been proposed which is additive in format. This format
is illustrated in figure 10. NDD is the summation of a series of functions,
f(a), £(b), ..., each of which represents some factor such as circumferential
total pressure distortion, radial total pressure distortion, total tempera-
ture rate of change, etc. Because a large value of one function may change
the influence of another, the format includes influence coefficients for
each temm.

Those functions which have been found to reduce compressor surge
margin, and which might be included in the NDD, are listed in figure 11.

The calculations for determining the various distortion functions
are such that they represent the percentage loss in stall (surge) margin
during fixed throttle operation. That is, stall is to be expected when the
sun of the several factors exceeds 100 percent. There will be a further
loss of stall margin during throttle transients. Test data and/or simu-
lation data can be used to determine values of NDD that can be tolerated
simultaneously with given throttle transients. Inasmuch as stability
limits and tolerances differ with the engine operating condition, an
additional parameter indicating the engine operating condition must be
included, for example, corrected speed. Figure 12 is illustrative of an
MDD engine limits map that might apply to a specific engine. (For simpli-
city, only one throttle transient lire 1s shown.) It should be noted that
while the NDD format is dppllCdble to any engine, the constants and pro-
cedures used for computing the numerical value of the several functions
would differ from engine to engine,

The counterpart to the engine limitation values of NDD are the inlet
characteristics presented in NDD units. Because a given distortion function
might reduce stall margin of each compressor unit by a different amount
(and by an amount differing for each engine operating condition), an inlet
operating at a given flight condition might have an NDD characteristics
map such as shown in figure 13.

By superposition of the engine limits map and the inlet characteristics
map, those areas of stall-free operation are apparent, and those areas
of restricted operation are defined. Such a superposition is shown in
figure 14.
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PERFORMANCE ADVANTAGES OF AN ACOOMMODATION CONTROL SYSTEM - Two sets of
calculations were made to determine the performance gains that might be
obtained with an "accormodation control system'". One was based on the
RA-5C, the other on an advanced tactical fighter. Some of the results of
the latter study are discussed here.

Performance increments were computed by comparing performance for
2 versions of the advanced tactical fighter. Conventional propulsion system
steady-state stability margins were used for one. Propulsion system steady-
state operating conditions for the other were established without regard
to the stability margins that might be required for transient conditions.
Identical propulsion system components and component performance character-
istics were used for both. Airframe weight and lift and drag characteris-
tics were also identical for each version.

Aircraft performance increments computed for each of two arbitrary
missions are presented in figure 15. As can be seen, there were attractive
performance gains in radius, cruise altitude, excess power at combat, and
take-off distance for the supersonic reconnaissance mission. Startlingly,
however, there was a decrease in the subsonic combat mission. Thrust levels
were increased and SFC's were decreased, but the net result was a loss in
range.

In the process of determining why the propulsion system perfoimance
improvements resulted in a range loss for the subsonic combat mission, the
importance of the mission ground rules became most apparent. Some of the
ground rules are listed in figure 16. Because thrust levels increased more
rapidly than SFC decreased, increased quantities of fuel were required for
the warm-up and take-off allowance. Similarly, the fuel required for X
mimutes of maximumm power combat refleécted the higher maxinam thrust. The
mission called for minimum-fuel-flow climb to the best cruise altitude.
Because the best cruise altitude was considerably higher, more fuel was
consumed in the climb. In combination, these factors resulted in a de-
creased radius.

To provide a more meaningful comparison, performance increments were
computed using revised ground rules as shown in figure 16. When identical
take-off fuel allowance, flight paths, and combat thrust levels were used,
a radius increase of 11.2 percent was obtained with the accommodation con-
trol system. This contrasts with the 4.6 percent radius loss with the
original set of ground rules. Obviously, great care must be used in
establishing mission ground rules for performance camparisons.

Potential performance gains of an accommodation control system are
large, larger for example than can be expected from advances in compressor
design. Accordingly, increased research and development of the accommoda-
tion concept is strongly recommended.
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DEVELOPMENT OF A PROTOTYPE
DISCRETE-FREQUENCY, TOTAL-PRESSURE
FLUCTUATION GENERATOR FOR
JET ENGINE-INLET COMPATIBILITY INVESTIGATIONS1

G. R. Lazalier, Asst. Project Engineer

J. T. Tate, Supervisor
Rocket Test Facility, ARO, INC,, Arnold Engineering Development Center

ABSTRACT

An investigation of the design concepts and operational
characteristics of a prototype generator to produce discrete
frequency, total pressure fluctuations at the inlet of a jet
engine was conducted in an altitude test cell. The generator
was designed to provide the fluctuations by two total pressure
loss mechanisms: diffuser induced and drag induced. The
investigation was conducted over a range of compressor inlet
station Mach numbers from 0.28 to 0.55 at imposed discrete
frequency pressure fluctuations from 50 to 600 Hz. Spectral
analyses of the data are presented along with conventional
steady-state analyses. Total pressure fluctuations ranged
from 1 to 7 percent of the mean (time-averaged) pressure,
Local velocity variations from 5 to 25 percent were measured.

1The research reported in this paper was sponsored by
Arnold Engineering Development Center, Air Force Systems
Command, Arnold Air Force Station, Tennessee, under Contract
No. F40600-69~-C-0001 with ARO, Inc. Further reproduction is
authorized to satisfy the needs of the U.S. Government.
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NOMENCLATURE

A Area, in.2

B Bandwidth of electrical filter, Hz

C Amplitude of co-spectrum, constant

CPSD Cross—-power spectral density function

D Total pressure distortion, (Pmax-Pmin/Pavgy x 100,
percent

£ Frequency, Hz; function

M Mach number

P Total pressure, psia

PSD Power spectral density function, (amplitude/Hz)2

Q Amplitude of quadrature spectrum

T Total temperature, °R

\' Velocity, ft/sec

A Change

SUBSCRIPTS

00, 1n,

2,etc. Iinstrumentation stations

avg ~Average

orf Orifice

n.ax Maximum

min Minimum
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INTRODUCTION

The adverse effects of inlet flow distortion on turbofan/
turbojet engine performance have long been recognized as im-
portant engine development considerations. Regions of flow
separation and/or shock wave-boundary layer interactions can
cause nonuniform distribution or distortion of the total pres-
sure and velocity entering the compressor. Engine operation-
al problems, including compressor stall and structural fail-
ure, can result when compressor inlet distortion exists.
Screens, located forward of the compressor, have been an ac-
ceptable method to produce steady-flow distortion for simu-
lated altitude testing of jet engines in ground test facili-
ties. At subsonic and low transonic flight speeds, satis-
factory simulation of flight performance has been obtained;
however, the results of recent tests indicate that the un-
steady or turbulent flow characteristics »f supersonic air-
craft inlet ducts are equally important engine design consid-
erations, Based on the difficulties experienced with some
current weapons systems, it is apparent that ground facility
test techniques with controlled engine inlet flow conditions
can be used to understand further engine-inlet matching prob-
lems and to shorten engine development cycle time requirements.
As flight speed, maneuverability, and engine performance de-
mands are increased, engine-inlet compatibility problems be-
come more critical.

Recent investigations in ground test facilities have gen~
erally been limited to work with random frequency and ampli-
tude flow disturbances, characteristic of the flow conditions
in a high-speed aircraft inlet duct (Refs. 1 and 2). However,
considerable effort is required to define the flow character-
istics which cause unacceptable degradation of engine perform-
ance aud stability. Statistical analysis methods are some-~
times used to characterize inlet flow conditions at which en~
gine performance degradation and/or engine stall occurs. Com-
plete testing of a turbofan/turbojet engine requires that the
sensitivity of the engine to specific inlet flow properties be
determined. For analytical purposes, inlet turbulence may be
described hy the use of combined random frequency and discrete
frequency waveforms.

The sensitivity of engine performance to random frequency
pressure fluctuations has been investigated with some success
by correlating time-~dependent inlet pressure distortion (tur-
bulent flow conditions) with steady-flow inlet pressure dis-
tortion, The results of these investigations indicate that
the instantaneous inlet distortion of turbulent flow may be
considered to be essentially the same as steady-state distor-
tion when the instantaneous flow patterns exist for a finite
length of time (on the order of the time period of one engine
revolution) (Ref. 3). Total pressure distortions which exist
over this length of time (averaged to remove extreme peaks) are
correlated using standard steady-flow engine inlet distortion

parameters,
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Another analysis method considers the effects of the
compressor frequency response to inlet pressure oscillations,
or the phase shift of a discrete frequency pressure fluctu-
ation through a compressor. The results reported in Ref. 4
indicate the probability of critical discrete frequencies
which, as a result of the phase shift, may result in stage or
stage group pressure ratios exceeding the stall limit.

The sensitivity of engine performance to discrete fre-
quency pressure fluctuations has not been experimentally es-

~tablished over an extended frequency range. A discrete fre-

quency pressure fluctuation generator, which produces a very
low inlet pressure distortion, will provide a tool to deter-
mine if jet engines are sensitive to simple time-variant pres-
sure fields or are sensitive only to "steady-state' total
pressure distortion.

Thkﬂﬁhrpose of this paper is to define the design con-
cepts and operating characteristics of a prototype generator
capable of producing .discrete-frequency, total-pressure fluc-
tuations uniformliy over the inlet of a jet engine compressor.
Details of the design and operating principles are presented,
and measured performance of a prototype is included.

TEST ARTICLE

The design configuration of the generator consists of
forward and aft stator assemblies, each containing 23 stators,
with a 23-blade rotor located axially between the two stator
assemblies (Fig. 1). The prototype generator was complete
except that an aerodynamically isolated, quarter section,
downstream stator assembiy rather than the full-scale 23~
stator assembly, was used for expediency in chbtaining test
resuite on the design concept. The rotor is driven by an
externally-mounted air motor, through a 90-deg bevel gear
assembly located in the generator hub. Rotational speed is
controlled by using differential valving across the air motor
which allowed the air motor to brake or drive the motor as
required. The direction of rotor rotation was clockwise,
looking upstream,

Details of the rotor and stator design are presented in
Fig. 2., 1Ideally, the rotor-stator combination introduces
total pressure losses by two separate processes. The first
loss is caused by the action of the stators as subsonic dif-
fusers with their attendant total pressure losses. The sta-
tors are designed to behave as 24-deg included angle, two-
dimensional diffusers. As the rotor moves into the space be-
tween the stators the inlet Mach number of the diffuser in-
creases, resulting in higher pressure losses. The sescond loss
process is that associated with the drag produced by the pres-~
ence of the rotor blade, Additionally, some loss is produced
by mutual interference effects of the rotor blades in the dif-
fuser passages.
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INSTALLATION

The prototype discrete frequency turbulence generator
was installed upstream of an engine simulator in an altitude
test cell at the Arnold Engineering Development Center (Ref.
5), as shown schematically in Fig. 3. Airflow to the gen-
erator was supplied through a critical flow airflow measuring
venturl located in the test cell inlet duct. An airflow
straightening screen and an engine inlet bellmouth located
in the engine inlet plenum chamber were used to obtain a
smooth flow of air to the generator. An exhaust diffuser
ducted the simulator exit air from the test cell. The inter-
nal volume of the ducting from thg flow venturi throat to the
generator front face was 3.5 x 10° cubic inches.

The jet engine simulator (Fig. 4) consisted of a 7-ft-
length of 36.67~in. I.D. ducting with a conic discharge noz-
zle. The simulated compressor inlet station was 22 in. down-
stream of the rotor. A sonic flow orifice was located ap-
proximately 22 in. downstream of the compressor inlet station
to provide a volume between the rotor and the orifice plate
approximating the effective volume of a turbojet/turbofan
compressor (Fig. 1b).

INSTRUMENTATION

Conventional steady-state instrumentation was used to
determine time-averaged values of pressure and temperature at
the simulator inlet. Time-averaged values of airflow were
measured at the critical airflow venturi.

Dynamic instrumentation consisted of four piezoelectric
total pressure transducers and one piezoelectric static pres-
sure transducer located at the compressor inlet station in
the gquadrant behind the aft stators (Fig. 5a). The piezo- '
electric total pressure transducers were installed in a pres-
sure rake as indicated in Fig. 5b. Steady-state total pres-
sure measurements were obtained at each dynamic total pressure
transducer location. The estimated uncertainty (2 sigma) of
the dynamic pressure measurements was *10 percent of the peak-
to-peak pressure variation in the frequency range from 10 to
1500 Hz. A hot-film anemometer probe (Fig. S5c) was located
in the quadrant at a measuring depth of 2 in. from the outer
wall., Data from the steady-state instrumentation were dig-
itized and recorded on magnetic tape. Dynamic data were fre-
quency modulation recorded on magnetic tape for later analysis.

Calibration data for the piezoelectric and hot film
anemometer transducers were provided by the manufacturers
and verified at AEDC. Calibrations of both steady-state and
dynamic data conditioning and acquisition systems were made
before and after each test period.
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PROCEDURE

Conditioned air at a nominal steady-state total pressure
of 7 psia and at a total temperature of 540°R was supplied to
the compressor inlet station, Mach number at the compressor
inlet station was set at nominal values of 0.28, 0.45, and
0.55 by the use of various sizes of the sonic orifice located
aft of the compressor inlet station.

Generator rofor speed was varied from 130 to 1580 rpm to
provide data at fluctuation frequencies from 50 to 600 Hz.

Standard statistical data analysis techniques utilizing
an automatic wave analysis system (Fig. 6) were applied to
the dynamic data to.cbtain zmplitude, frequency, power-
spectral density and cross power spectral density relations.
In general, a bandpass filter width of 10 Hz was used to ana-
lyze the data. Data reduced with a bandpass filter width of
1 Hz yielded identical peak values and very similar ncise
background levels, indicating that the data peaks were very
discrete. Waveform data were obtained by recording the mag-
netic tape data on a direct writing osc*llograph through a
low pass filter set at 10C0 Hz.

RESULTS AND DISCUSEION

A theoretlcal and experimental investigation was under-
taken to verify a rotor and stator concept for producing
discrete-frequency, total-pressure fluctuations uniformly
across the inlet of a jet engine compressor and to determine -
the performance oi a prototype generator over a range of
simulated compressor inlet Mack numbers from 0.28 toc 0.835 at
discrete data frequencies from 50 tc 606 Hz. The results
obtained in this.investigation are discussed in terms of basic
waveforms, spectral content, and steady-state radial’ distor-’
tion values. Comparisons with an analeg computer model and a
quasi~-steady-state model are also presented.

THEORETICAL PERFORMANCE

Analog computer studies were conducted to determine fre-
quency amplitude trends of a generator. The mathematical ,
model (Fig. 7) assumed a constant mass flow into the system
(a2 constant inlet pressure to the critical flow venturi), a
constant volumetric flow out of the system (compressor rotor
speed held constant), and a variable area orifice to replace
the discrete frequency generator. The orifice area was as-
sumed to vary both sinusoidally and trapezoidally. Results
of these studies are shown in terms of amplitude ratios (Fig.
7d), which indicated a relative fall-off of approximately
3.5:1 of amplitude from 50 to 600 Hz. Typical output wave-
forms for the two types of ared variation (sine and modified
trapezoidal) are presented in Fig. 7e and f.
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The choice of a constant volumetric flow boundary condi-
tion for the mathematical model was based on considerations
of turbojet/turbofan characteristics. The use of a sonic
orifice in the experimental investigation results in a con-
stant Mach number for the compressor inlet station, rather
than constant volume; however, for the Mach number range
investigated, 0.28 to 0.55, the two systems are nearly iden-
vical. Therefore, the results of the experimental investi-
gation are considered to be representative of those which
would be obtained in an actual turbojet/turbofan installation.

The assumption of a variable area orifice in the math-
ematical model imposes certain restrictions on the data ob-
tained. The varia¥le area orifice implies complete total
pressure head loss, which is not in agreement with the physi-
cal model. The total pressure losses of the physical model
are strongly dependent on Mach number at the inlet to the aft
stator assembly, as will be discussed in the next section.
This Mach number, in turn, is a function of the solidity
factors of both the rotor and stator blades. The design Mach
number of the compressor inlet station may be set at any sub-
sonic value by proper choice of rotor and stator solidities.
For conditions near design, however, the mathematical model
will predict total pressure losses accurately.

EXPERIMENTAL PERFORMANCE
WAVEFORM ‘

Typical waveforms produced by the generator, along with
waveforms predicted from the mathematical (analog) model, are
presented in Fig. 9. A comparison of waveforms at 52 and 196
Hz at a compressor inlet Mach number of 0.45 is made in Fig.
9a. Good agreement with the mathematical model was obtained
at both frequencies.

Static pressure variations were in phase with total pres-
sure variations and had amplitudes of approximately one-half
the total pressure excursions. Data shown in Fig. 9b are for
a compressor inlet Mach number of 0.55 at a generator fre-
quency of 58 Hz.

Velocity variationsl, compared to total pressure varia-
tions, were somewhat greater as shown in Fig. 9c¢ for a com-
pressor inlet Mach number of 0.45 at a generator frequency of

52 Hz.

All waveform definitions improved with increasiug Maca
number. Waveform definition (total pressure) improved with

1The anemometer readout was the product of density and
velocity. For the Mach number range investigated, the read-
out may be regarded as an indication of velocity only.
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decreasing duct radial location (nearer hub) and with decreas-
ing rotor rotation rates.

SPECTRAL ANALYSES

Amplitude frequency relations, power-spectral densities,
and cross-power spectral densities of the data were obtained
and analyzed. In general, amplitude and power content de-
creased with increasing frequepcies.

Typical amplitude-frequency relations are presented in
Fig. 10. The presence of a family of harmonics indicates a
complex waveform at the prime frequency. Fourier series re-
construction of these frequency amplitudes yields a complex
waveform like those in Fig. 7f. Background noise attribut-
able to random turbulence ranged from 0.2 to 0.5 percent
(peak~to-peak values) of mean pressure at simulator inlet Mach
numbers from 0.28 to 0.55 (Fig. 10a and 10b). 1In general,
signal to noise ratios (peak amplitude divided by background
noise) were 10:1 or greater near the design Mach number.

A summary presentation of amplitude-frequency relations
is made in Fig. 11. Results of the theoretical studies are
presented for comparison. Values of discrete irequency pres-
sure fluctuations (average peak-to-peak value) ranged from 7
to 1 percent over the frequency range from 50 to 600 Hz and

 .the inlet Mach number range from 0.55 to 0.28,

The reduction in normalized total pressure losses com-
pared to theorectical predictions with decreasing Mack number
was expected from the steady-state analysis. The slope and
level of the total pressure loss curve as a function of com-
pressor inlet Mach number (Fig. 8) are dependent on the solid-
ity factors of the rotor and stators. Any subsonic Mach num-
ber range may be obtained by proper selection of these solid-
ity factors. The prototype was designed for optimum perform-
ance at a compressor inlet Mach number of 0.5.

Typical power-spectral density (PSD) functions for total
pressure are shown in Fig. 12, The use of power-spectral
density analyses for average peak-to-peak determination is
best limited to broadband or white noise phenomena. However,
the data in Fig. 12 are included to demonstrate the quality
of the background noise of the test unit at the compressor
inlet station. The power-spectral density in Fig. 12a (Mg =
0.55) indicates that the noise 1s essentially random in its
frequency distribution. At lower Mach numbers (Fig. 12b,

M2 = 0.28), nonrandom disturbances at frequencies between 200
and 400 Hz were noted. In both figures, the sharp peaks at
400 and 520 Hz, respectively, are the pressure disturbances
produced by the generator. In general, the level of back-
ground noise declined with decreasing Mach number.
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A typical cross-power spectral density (CPSD) function
of total pressure is presented in Fig. 13. Absolute ampli-
tudes of the cross-power spectral density were not obtained
because only phase angle was desired. In general, phase
shifts from -60 to +60 deg were noted between the sensor
nearest the hub and the sensor nearest the wall. No clear
dependence of phase shift on either frequency or Mach number
at the imposed primary *frequencies could be determined. A
phase shift of 60 deg can result in the presence of a dynamic
radial distortion which occurs at a rise time frequency at
least six times the generator frequency. The amplitude of
the distortion may be 40 percent of the peak-to-peak total
pressure fluctuation measured between the radial locations.
The net effect of phase shifts is to introduce a dynamic
radial distertion at the generator frequency which approaches
2 square-wave time distribution.

STEADY-STATE DISTORTION

Values of radial steady-state total pressure distortion
(Pmax = Pmin/Payg) x 100 are presented in Fig. 14a as a func-

tion of gimulator inlet Mach number and frequency. The design
level was 5 percent at a Mach number of 0.5. Distortions
(excluding total pressure variations within 0.5 in. of either
inner or outer wall) were less than 6 percent for all Mach
numbers tested and were less than 4.5 percent at the design
Mach number. The data formed a single curve below Mach num-
ber 0.45 and split into definite frequency distributions

above this value, A typical radial total pressure profile

is presented in Fig. 14b.

SUMMARY

The results of a theoretical and experimental investiga-
tion to verify a rotor and stator concept for producing dis-
crete frequency, total pressure fluctuations at the inlet of
a jet engine, and to determine the performance of a prototype
discrete frequency total pressure fluctuation generator over
a range of compressor inlet Machk numbers from 0.28 to 0.55
and a range of data frequencies from 50 to 600 Hz are sum-
narized as follows:

1. Amplitude variations of total pressure at discrete
frequencies ranged from 7 to 1 percent of time-
averaged total pressure over a frequency range from
50 to 600 Hz at a Mach number of 0.55. Amplitude
variations generally decreased with increasing fre-
quency. Rotor and stator solidity can be varied to
vary the amplitude of total pressure losses and the
design range of Mach numbers.

2. The background noise produced by the generator was
at least an order of magnitude less than the dis-
crete frequency peaks and was essentially random
with regard to frequency distribution,
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Phase shifts of total pressure from -60 to +60 deg
between locations near the hub and near the wall
were noted at the generator frequency with no clear
dependence on either test Mach number or data fre-
quency. The phase shifts can result in dynamic
radial distortions with amplitudes of less than 40
percent of the total fluctuation.

Steady-state radial total pressure distortion was
less than 6 percent at a Mach number of 0.55 and
less than 4.5 percent at the design Mach number.

The prototype generator produced controlled frequency

variations in total pressure fiuctuations in the fre-
quency range from 50 to 600 Hz,
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7#=Sonic Flow Orifice
“' //‘\ ' o—
D T \

o0, M ,vl 1 ;o v
imulator

" Stoady-State Total Pressure Probe
Steady-State Wall Static Tap
Shielded CC Thermacouple
Steady- State and Dynamic Total

Pressure Prabe
Dynamic Static Pressure Probe
Hot Film Anemometer

o= 90

o0

196 deg
Looking Upstream

a. Compressor Inlet Station {Located 22 in. Downstream
of Discrete Frequency Generator Rotor)

Figure 5 Instrumentation

533



pepniouo) § aunhiy

INIRWAYIS GN2Y AINSSEIY -

3g014 JOjAWOWAUY W4 10H JO JREWIYIS 10101 2jueuiq pue aje15-Aears °q
, b Jiem Apoguajue)
: EEA.REQ VIEIIIFIFIIVIIIIII
JOIBWOWALY Wild @ !
10H 3bpam moLJapiS , . 2. .
- 3 q
Moy 88°0 _
3 , ]
IR mﬁdqtj_f.’ M
i
] (
! 02 ¢ 8
— .,
| ] ot
| 1M 117G
A\\\\\\\NH\ JSVW\S A
# [ 1
C
Ll HEA |
m.l.llll:
— - .
i Jonpsues)
! | siumieczalg
N,- > QLY - s
ise1 buyang pabbin|g) > L _w
2Q0J4 puo2es 104 dej ainssaud ]
) Arys-Apeays ¥2
woyy | « ﬁ
0%0°0 . . TITITITITITT)
~| om0 N e 3ng Jaing
sIlenq - 1 T

¥ Rpuowauy 1
- JOSUIS : _ C

534




Mewayas waysAs siskjeuy arey onewoyny 9 ainbyy

Yde.boj19sQ
aujzedely fea—
pasofy

Yde1boj|10sQ fe—
bunum  fe—
-184q

$10}2}31107)
oM}

sJayndwon
uonouny |je—
om|

1

535

5131304
K-x [e—— Jazhjeuy fe——— ade) dooy je——— adey aay

NTE |




Discrete Frequency

Generator
Sonic Orifice
Sonic Venturi Engine Simulator
r ‘\ 7 (06 # )
— f
Simulated Compresser
Inlet Station
a. Physical Test Configuration
S’ . .
=W P W= B

Constant Volumetric Fiow Valve
(Constant Compressor Speed)

riven Volume
(0. 024 x 106 in,3)

Varizble Area Orifice

: LPasslve Volume
(1.766 x 108 in3)

Cbnstant Mass Flow Valve
(Critical Flow Venturi at
.Constant Inlet Pressure)

b. Physical Model Assumed

Wtk Py k; =82 Py =100 -
L I
F’ . C—Z(WI'W2) Cz‘ 3,789

. KaPR (P
o f -P-Z-) kp = 05318 T-=52%
1(P3/Py) = Standard Loss for Orifice
(All Dynamic Head Lost)

A= (724.2) + (70.1) sin(at)
or Trapezoidal Wave between Same Limits

dPy

"at" . C—a' ‘WZ - W3) C3 = 0.0519

iy VT .

‘337; k3 Ky = f(M3), A3 = 93451

¢. Mathematical Relations
Figure 7 Mathematical Model
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e. Sinusoidal Area Variation with a Generator
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§. Trapezoidal Area Variation with a Generator
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Station Mach Number of 0.52

Figure 7 Concluded
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~

rpercent Waveform Predicted by Analog 5o H
Model (Amplitude Not to Scale) t=52 Hz

Waveform Predicted by Analog
Mode! (Amplitude Not to Scale)

Timg —=

Total Pressure (near inner Wall)

a. Compressor Inlet Total Pressure Waveforms at M = 0.45

Figure 9 Compressor Inlet Total Pressure, Static Pressure,
and Velocity Waveforms

539




—~17 percent Total Pressure .
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-

—

Time —»

b. Compressor Inlet Total and Static Pressure
Waveforms at M = 0.55 and f = 58 Hz

Figure 9 Continued

540




Total Pressure
~6 percent near Outer Wall

2 -

Velocity near
~10 percent Outer Wall

- Time

c. Compressor Inlet Total Pressure and Ve'locity
Waveforms at M = 0.45 and f = 52 Hz

Figure 9 Concluded
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Average Peak-to-Peak Total Pressure Variation, 'APIF’E,\",g x 100, percent
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Figure 10 Amplitude Frequency Distribution of
Pressure and Velocity Variations
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Average Peak-to-Peak Total Pressure Variation, AP/Payq x 100, percent
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b. Total Pressure at a Generator Frequency of 400 Hz

Flgure 10 Concluded

543



x 100, percent

(VY

)Pea-to- Peak

(é"
P
~

== Predicted from Theoretical
Mathematical Modei Studies
O Near Wall :
\ o Near Middle
A Near Hub

Frequency, Hz
a. Mp=0.5

Figure 11 Amplitude Variation at Generator Frequency
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Figure 12 Typical, Normalized Power Spectral Densities of
Total Pressure at the Compressor Inlet Station
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Figure 11 Concluded
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Figure 11 Continued
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Figure 14 Steady-State Radial Total Pressure Distertion
at the Compressor Inlet Station
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COMPUTER CONTROLLED PHOTOGRAPHY F(R REDUCTION OF
DYNAMIC DISTORT’ON DATA

W. J. Elliott
A. Medlock
R. C. Hood

Allison Division
General Motors Corporation

ABSTRACT

. A procedure has been developed by which a computer creates a
motion picture representing dynamic turbulent pressure distortion.
The computer program reads pressure values at a given instant in
time, 1nterpoletes the pressures over the annulus ares, assigns a
"grey code", generstes the image on 8 cathode ray tube end operates
a 16 mm movie camera to photograph the image.
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I. INTRODUCTION

A technique has been developed by which dynamic distortion data
may be reduced by & computer to the medium of mction picture film,
The procedure provides an aerodynamicist with a data reduction
mechani=<m to conveniently study radial and circumferential pressure
distortion phenomena charactcrizing unsteady flow in turbo-machinery.

Several rakes of high response pressure probes may be distributed
circumferentially in a nlane normal to the axis of a gas turbine
component.. Typically the data are recorded on F-M multiplexed analog
tape from which a digital tape may be generated. Ordinarily, caly a
small portion of the analog tape is digitized for further anslysis, that
portion representing the particular time domain of interest. Ususlly
date representing some 100 ms. of real time during surge is sufficient
for study. v

This paper discusses an extension to the technique developed by
Brimelow, Barrow, et.al! which, in effect, reduces multiple probe
pressure data from digital tape to a series of light equivalent
intensity patterns (each of which represents a particular time slice).
Each of the intensity patterns is then photographed and a motion
picture film is subsequently created. Brimelow utilized a computer
print-out (Figure 1) in which a judicious choice of printed characters
(including overstriking) is employed as a sort of grey code, thereby
creating an image whose light-dark intensity is uniformly proportional
to a pressure gradient.

Allison improved on this methodology through the exploitation of
a computer augmented by a cathode ray tube type of graphics display
device, on which the pressure intensity patterns were generated. ‘The
process was made further automatic through the design cf ap electro-
mechanical system which permitted the computer to ccmpletely control -
the shutter mechanism on a modified 16 mm motion picture cemers.

II. EXPERIMENTAL APPARATUS

A schematic of the specially developed electro-mechanical system
to provide direct computer control over the camera is shown in
Figure 2.

A. RECRDING SYSTEM

The function keyboard is an auxiliary unit to the graphics
display terminal (IBM 2250) which is attached to an IBM 360/50
computer, There is a light source inside of each button which may be
turned cn or off by order of a computer program. One such button
provides the stimulus for control over the camera,

I Squadron Leader Brian Brimelow, Exchange Officer, WPAFB/APL
Captain David Barrow, USAF, WPAFB/APL
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A photocell is mounted above the appropriate button and the weak
electrical eignal is fed to an amplifier (Figure 3) whaose output voltage
is sufficient to operate a solenoid. The solenoid 1s coupled to a
cable releagse which operates the shutter mechanism on & modified
Bolex H 16 movie camera,

The computer generates an image on the CRT (rigure 4) and at
the same time turns the light button on. The shutter is opened and
the film is exposed for approximately 0.2 seconds after which the light
button is turned off. Turning the light off causec the shutter to cloge
and the film to be advanced one frame. Information is regenerated on
the CRT automatically during this period and the anumber of regenerations
per second is a functicn of the amount of information displayed. The
camera shutter is held open for 0.2 secoad to minimize the effect
on film exposise resulting from eny partial regeneration cycles.

The entire cycle to complete the above sequence for one film frame
is approximately 2.8 seconds. Therefcre, a ccaplete filming to study
one particular surge requires about 45 minutes of computer time.

B. PROJECTION SYSTEM

Projection of the film is accomplished by using & Selecta-Fréme

16 mm projector, model 16N manufaciured by Traid Corporation which

permits flickerless projection at continuously variasble speeds from
1 - 24 frames per second.
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III. COMPUTER RARDWARE

An IBM 360/50 computer was utilized in this project. Standard
360/0S MFT I1 software and the Graphics Subroutine Package (GSP) were
used. Following is a detailed configuration of the 360 hardware and
the orgonization of the machine is shown in Figure 5.

Model or
Unit Feature Description
2050 B 262K Processor
6980 Selector Channel
7920 1052 Adapter
1052 8 Conscle Typewriter Keyboard
2821 1 I/0 Control
3615 1100 lpm Adapter
8631 . UCS Adapter
1990 Reader Column Binary
1403 ‘N1 Printer 1100 lpm
8640 ucs
816 Print Train (HN Arrangement)
2540 1 Card Reader - Punch
2841 1 Disk Control
2311 1 Disk Drives (6)
2803 1 Tape Control
3228 Data Conversion
' T125 T Track Compatibility
4ol 2 Tape Drives (3)
9557 7 Track R/W Heads
2250 1 Display and Control
1002 Absolute Vectors and Control
1245 Alphanumeric Keyboard
1499 8 K Buffer
1880 Character Generator
4485 Graphic Design Feature
5855 Function Keyboard
2501 Bl Card Reader
RPQ F11902 Data Channe). Repeater 2944-1
RPQ 812322 Data Channel Repeater 294k4-2

IV. COMPUTER PROGRAMS

A. TIME INTERPOLATION

Motion sictures present a pleasing and intelligible image to
tha eye when the individual frames in a sequence differ from each
other in only a minor way. Since turbulence data may contaln pressure
fluctuation with frequencies in any range, the pattern can change
drastically in the smallest time interval causing the image to Jerk,
€ince it was deemed important to view those frequencies in the lower end
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of the spectrum and also to prepsre a fiim which was not Jerky, the
digitized data were interpolated at finer time intervals. This inter-
polation reducers the change fram film frame to film frame without
alteration of the basic patterns. A linear interpolation was used to
obtain the aaditional frames. The number of these fremes which are
generated by interpolation depends on the rate of change of the raw
data frames. From one to nine interpolations have been tried with
satisfactory results, however, 1t seems three to four shouvld normally
gve good results without incurring unnecessary computer costs.

B. IMAGE GENERATION
1. THE (R - ©) SEARCH

Because approximately 4500 interpolated values are used to create
each pattern, a procedure was sought to reduce the calculation time and
hence the couputer cost. It should be noted that neither the probe
locations nor the location of CRT coordinates changes with time or
film frame., It was decided that a linear interpolation scheme in both
the radial and circumferential directions should be used since this
would conserve computer time and not degrade the image content. This
type of interpolation involves two operations. The first Is a search
to determine the proper table (or probe) values which are to be used
in the computation. ‘fhis is the portion of the program which does not
change with the image and is not repeated. The second half of the
interpolation is the actusl evaluation of the interpolate polynomials.

It was noted that the search for the proper table values would
be the most involved logically and computationally. This part of
the procedure required some 90% of the computer time for one image.
It scemed appropriate then to perform this operation only once for
each data set. The calculation begins {see Figure 6) by changing the
Cartesian coordinates of the addressable locations cf the face of the
CRT into cylindrical coordinates relative to the engine axis. Those
points which fall within the annulus (only some 75%) are transfered
from their matrix into a separate vector along with some information
pertinent to that point. Specifically, the index of the appropriate
probe radius and circumferential location are stored for future
reference., For example, (Figure 7) if thc i th point lay between the
Xk th and k + 1lst radial probe positions then the FORTRAN statement used
to remember where the point lies might be .

R (I)= K

A similar statement can be used to remember the circumferential
index of the appropriate table. Certain steps in the evaluation of
the equations such as calculating the inverse of the interval sizes
are processed in the first half of the program to help meet the require-
ment of minimizing computer time. The difference between the radius of
the image point and the radius of the appropriate probe value and the
difference between the circumferential values may also be calculated
and stored (Figure 6).
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2. PRESSURE INTERPOLATION

The generation of each image is started by reading the probe

values into the computer for the particular time increment. A check

is made for probes which may have malfunctioned. An interpolation

on the good probes is made at those locations where an "open" probe

is detected, so that it appears to the remainder of the program that

all of the measurements were in fact, successful. The interpolation

is then performed at all of the pertinent CRT coordinates and character -
is assigned to cech based on the interpolated value of pressure, ‘

3. SHADING ALGORITHM

onsiderations in determining the method to be used in representing
the various light intensity levels (hence, pressure levels) on the
2250 display were the following:

a. A relatively large amount of light must be generated in
a small ares of the screen with a minimum amount of
2250 buffer area being used. The 2250 character generator
was the obvious choice to fulfill this requirement,

b. An evenly distributed pattern allowing fairly high
resolution and nearly complete light saturation for high
pressure areas was desirable. It was found through
experimentaticn that half row spacing with a half
character offset of alternate rows ylelded desirable
results without exceeding available 2250 buffer space.

c. At least ten different pressure ranges must be established
with & slgnificant, yet uniform, difference in light
intensity between each level. Various characters
arranged in offset rows as described above were displayed
and photographed., These were then graded and one particular
character applied to each pressure range. It was found
that. on the low intensity end it was desirable to decrease -
the density of period (.) characters (the lowest non-blank
intensity character available) in order to provide two
ad- . tional intensity levels, For the second lowest
intensity, every other row and every other character
were omitted, and for the third lowest intensity, only
every other row was omitted.

The coampletion of the shading algorithm was established with very
little difficulty in a very short period of time with quite satisfactory
results, Figure 8 indicates the grey code employed.

The actual generation of the image on the 2250 screen 1s accomplished
through a series of calling sequences to the Type I supported IBM GSP
routines (reference Manual C27-6932-2). Three graphic data sets (GDS's)
are used: one for the heading and the two circles representing the
envelope of the engine inlet annulus, one for the average pressure versus
time diagram, and the other for the alphameric characters representing
the pressure distribution,
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During the initialization phase, the three graphic data sets
are established and the first GDS is loaded with the heading information
defining the character pattern for each pressure range. Key 31 on
the function keyboard is used to signal the camputer to move into the
calculation phase., The heading information is reset at this point
and the non-variable part of the display is generated in the GDS.

The second GDS is used in the generation of the characters
which produce the shading effect, One hundred lines of up to 69
characters are displayed for each frame. Immediately preceding the
display of each frame, the previous sheded diagram is reset, thus
the shaded picture is on the screen during the entire calculation
of the following frame. At the completion of the generation of each
frame, a test is made to see if function key 31 has been depressed.
If this was the case, the calculation pauses until key 31 is again
depressed. This allows time for rewinding the camera or other human
action,

Also, at the completion of the generation of each frame, function
key 1 is lit. This is the signal (through a photocell) to open the
camera shutter. The signal to turn off the light (which closes the
shutter) is inserted at a judicious point in the calculation of the
next frame so that just the right exposure is given to each frgme.

The average pressure versus time point plot is built up in éhe
third GDS. The program is organized such that on every tenth frame
a point is added to the diagram,

V. CONCLUSIONS AND RECOMMENDATIONS‘

The specilalized hardware and computer softwere described in this
paper were assembled in but a few days to reduce the data to pictorial
form., The resulting film, after having been reviewed by many aero-
dynamicists, clearly indicates that simulated high speed photography
of pressure patterns generated during a surge phenomenon is not only
feasible but further represents a new aerodynamic design tool to
better study flow instability.

Recommendations are set forth in two principal categories: 1)
improvements to system described herein and 2) extensions to the
general concept. '

A. CURRENT SYSTEM IMPROVEMENTS

Provisipn for electric motor wind of the movie camera should
be added.

An electronically operating shutter m.chanism should also be
adapted to the camera. This would obviate the need for an amplifier-
solenoid-cable release system, the mechanical portion of which has a
tendency to bind from time to time.
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Cycle time may be reduced samewhat through the modification of
the Graphic Subroutine Package to inhibit image regeneration. One
image is sufficient to expose the film. Additional generations simply
create a problem in tolerance to partial regeneration cycles. This
problem is combatted by the generation of a sufficiently large number
of images such that partial cycle effect is unnoticed by the camera.

B. FUTURE CONSIDERATIONS TO THE CONCEPT

The system described herein permits recording and projection
of distorticn patterns in one axial plane of a turbo-machine. Of
ultimate interest tc .he engineer would be a characterization of
the distorted flow &8s 1t- progresses through the machine.

Several independent film strips might be evolved, each portraying
the dynamic conditions at a given axial station. Several projectors
then may be ganged and controllad to operate synchronously, projecting
several non-overlapped images concurrently. The images may then be
ttudied on a time-space basis by exercising complete human control
over the projection rate.

Holographic techniques hold considerable promise for studying
propagation of distortion patterns in a 3-dimensional sense. Most
current holographic research is restricted to static rather than
dynamic holograms, Dynamic holography permitting an in-depth study
of time variant 3-space phenomens will represent a scientific advance-
ment providing a powerful tool for the study of flow instability.
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PRESSURE FLUCTUATIONS CAUSE COMPRESSOR INSTABILITY

G. A. Plourde
Assistant Project Engineer
Pratt & Whitney Aircraft
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Wright-Patterson AFB, Ohio

ABSTRACT

An experimental program was conducted to evaluate the effects of random inlet pres-
sure fluctuations on the performance and stability of a fan/low pressure compressor. A de-
vice consisting of a converging-diverging section with a plug centerbody followed by a con-
stant diameter duct created the random pressure fluctuations and fed them into the com-
pressor. Additional devices were installed within the constant area duct to alter the proper-
ties of the random pressure fluctuations.

Both the root-mean-.quare (RMS) amplitude and the amplitude frequency spectra of the
pressure fluctuations were varied. The gross effects of these inlet conditions were evaluated
in terms of changes to the steadv state performance maps. For all cases operation with ran-
dom inlet pressure fluctuations resulted in a loss of steady state surge line and a reduction of
corrected flow capacity, when compared to operation with a standard bellmouth. Correla-
tions of the changes of surge line and airflow with RMS amplitude within various frequency
ranges were attempted. Although “good” correlations were not achieved, the minimum ioss
in surge line of the fan/low pressure compressor correlated best with the RMS amplitude in
the 0—100 Hertz range when the corrected speed was 9500 rpm. At a corrected speed of
7000 rpm the best correlation was obtained with the RMS amplitude in the 0--50 Hertz
rauge. At both corrected speeds the flow capacity reduction correlated reasonably well with
the RMS amplitude in both the 0—-1200 Hertz and S00—1000 Hertz range.

Analysis of the time variation of the inlet pressure, for 3 com