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Table I GEOMETRIC CHARACTERISTICS 

ITEM 

WING AREA 

ASTECT RATIO 

ROOT CHORD (AT {) 

TIP CHORD (OF BASIC 

TRAPEZOIDAL WING) 

WING SPAN 

MEAN AERODYNAMIC CHORD 

SYMBOL 

sre £ 

Abaste 

Cr 

CTtrar 
(Lateral Tos) 

bref 

MAC 

IOCATION OF MAC 
LONGITUDINAL (L.E.) 

LATERAL Y 

F.S 

S.S 

FULL SCALE VALUE 

498.31 ft2 

4.07 

231.14 In 

69.34 In 

SS224.24 

540.57 In 

157.98 In 

. 450.03 

. 101.22 

MODEL SCALE VALUE 

.86512 ft2 

4.07 

9.631 In 

2.889 In 

S.S.9.343 

22.524 In 

6.583 In. 

F.S.18.751 
S.S. 4.218 

MOMENT 
CENTER - 257. MAC 

I 

c.g-ref F.S. 489.52 

BASIC TRAIEZOIDAL WING 
LEADING EDGE SWEEP 

TRAILING EDGE SWEEP 

TAPER RATIO 

'L.E.W 

'T.E.w 
AT 

31.50 Deg 

-6.207 Deg 

.300 

S.S.20.397 

31.50 Deg 

-6.207 Deg 

.300 

GLOVE 
LEADING EDGE SWEEP 

OVERALL LENGTH 

F.S. OF NOSE 

'L.E.g 70.0 Deg 

866.64 In 

F.S. 22.01 

70.0 Deg 

36.11 In 

F.S. 0.917 

COMPOSITE WING-GLOVE 

PLANFORM 
Sconposite 618.72 Ft2 

‘^composite 3.28 

1.0741 Ft2 

3.28 

NOTE: Airfoil section coordinates are given in Figure 5, page 15 
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FOREWORD 

This report summarizes the work accomplished by the Fort 
Worth Division of General Dynamics, Fort Worth, Texas, under 
USAF Contract F33615-69-C-1225, Project 8219. This is the 
final report on the Fixed Wing Configuration phase of the 
study. 

The work was accomplished during the period from 1 January 
to 26 November 1969 under the direction of the Air Force Project 
Engineer, Mr. Welbourne G. Williams, Control Criteria Branch, 
Flight Dynamics Laboratory (FDCC). Mr. John H. Watson served as 
the General Dynamics Program Manager for this study. The success 
of this work is due to the contributions made by the following 
persons in the areas designated: 

Malley R. Bass Configuration lines development 
and design of model components 

David B. Benepe 

Gary Kaftan 

Jack D. McAllister 

Selection of the basic wing 
body configuration and analysis 
of longitudinal characteristics 

Test Conductor for wind tunnel 
evaluations and model test lead 
man 

Principal Investigator, selection 
and analysis of roll control devices 

Thomas F. Paniszczyn 

Perry D. Whitten 

The report was released by 

Consultant on roll control devices 
and assistance on the final report 

Prediction and analysis of longi¬ 
tudinal characteristics 

the authors in March, 1970. 

This technical report has been reviewed and is approved. 

Chief, Control Criteria Branch 
Flight Control Division 
Air Force Flight Dynamics Laboratory 
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ABSTRACT 

The Wing Mounted Roll Control Study (Contract F33615-69- 
C-1225) was an investigation of various methods for improving 
control effectiveness at high-lift transonic conditions. 
Emphasis was placed upon the use of leading edge devices as 
primary controls and also as auxiliary devices with conventional 
controls. Selected configurations were tested in AEDC 4T facil¬ 
ity and limited validation was obtained in the AEDC 16T facility. 
Control configurations investigated included leading edge flaps 
and ailerons both singly and in combination, as well as spoilers, 
differential horizontal tail and several auxiliary devices. Use 
of differential leading edge deflection significantly improved 
aileron effectiveness at high-angle-of-attack transonic conditions. 
Because of the important effects that the wing-body configuration 
has upon wing mounted control devices, considerable data and ana¬ 
lysis are presented for the longitudinal characteristics. Testing 
of the same model in two different size facilities provided signi¬ 
ficant information on wall interference effects at transonic 

conditions. 
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time 

velocity 

lateral distance to centroid of flap segment 

planform 

wing angle of attack 

angle of attack for zero lift 

aircraft point angle, see Figure 94, 

page 213 

tdgeedetïc«KSoÏ1«aU^gnedge8do«n (trailing 

edge devices) 

average aileron deflection, 1/2 ( 8right ‘ «left’ 

damping ratio of numerator quadratic in 0/sa 

transfer function 

damping ratio of dutch roll mode 

roll angle 

sweep angle 

time constant of the rolling convergence mode 

time constant of the spiral mode 

time to obtain maximum control input, 

see Appendix I 

natural frequency of numerator quadratic in 0/6a 

transfer function 

natural frequency of the dutch roll mode 
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aero 

eff 

PCS gain 

o 
pa 

AEDC 

CAL 

FDCC 

F.S. 

H.T. 

L. E. 

LEDE 

L/R 

M. S. 

NACA 

NASA 

PWT 

RMS 

VG 

Subscripts 

aerodynamic contribution 

effective value of coefficient including 
approximation of control system effects 

control system feedback gain 

initial condition 
principal axis value 

Abbreviations 

Arnold Engineering Development Center 

Cornell Aeronautical Laboratory 

Control Criteria Branch of AF Flight Dynamics 

Laboratory 

Fuselage Station 

Horizontal Tail 

Leading Edge 

Leading Edge Device Effectiveness 

Left/Right Surface Deflection in Degrees 

Model Scale 

National Advisory Committee for Aeronautics 

National Aeronautics and Space Administration 

Propulsion Wind Tunnel 

root-mean-square 

Vortex Generators 
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SECTION I 

Maneuvering of aircraft in the transonic speed regime is an 
item currently receiving critical attention. The high maneuver¬ 
ing load factors necessary for combat at these speeds require 
flight at high lift coefficients (CL> 1.0) and corresponding high 
angles of attack. At these extreme conditions, shock-induced 
separation of the boundary layer occurs on the wing and results 
in buffet, severe drag increases, losses in lift and control effec¬ 
tiveness. Present aircraft operating at transonic speeds and 
high lift coefficients encounter serious stability and control 
problems, including loss of roll control power. Adverse yaw can 
also be a severe problem, one example being the use of stabila- 

tors for both roll control and longitudinal trim. 
The control criteria branch (FDCC) of the AF Flight Dyna¬ 

mics Laboratory recognized the need for research on effective wing- 
mounted roll control devices. To fill this need, they initiated 
a program to assess the effectiveness of various types of devices 
used both singly and in combinations where phasing may be a func¬ 
tion of angle of attack or other measurable physical parameter or 

parameters. 

1. OBJECTIVE 

The long term objective of this program is research into 
wing-mounted roll control devices on both fixed wing and variable- 
sweep configurations for transonic high-lift conditions. The in¬ 
itial studv reported herein is limited to devices suitable for 
fixed-wing configurations. The second phase of the study, 
devoted to control devices for variable-sweep configurations, 
will be covered by a separate report at a later date. 

2. SCOPS 

The basic concern of the investigation is the improvement 
of control effectiveness at high lift transonic conditions. 
However, since the control device is an integral part of the com 
píete wing-body configuration, the study included selection of 
a configuration representative of current thinking for advanced 
fighter applications. The inadequacy of theoretical analysis 
in the transonic speed range required that primary emphasis be 
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Dlaced on experimental results of scaled wind tunnel tests. Since 

adequate roll control is highly dependent upon good wl"8 d®^gn* 
detailed analysis of longitudinal chiracteristics ts 
sented for the selected configuration. Modification 
existing wind tunnel model components was encouraged to minimize 

program costs. 

3. TECHNICAL APPROACH 

Available literature, Includlng Brltlsh pubUcaclons on 

the subject on wings and wing mounted con,:"Jo^^"S “ Che“pêcif 1c 
K-toh n ft- conditions was reviewed for applicability to t ? . , 
prtam£and0ngei-rinsight into particular tasks. Since analytical 

solutions for the complex configurations at the h gh Ilf 
coefficient transonic conditions, meaningful to this study, are 

not mathematically tractable at this 
placed upon semi-empirical methods and available «aperime 
resulta useful for configuration design and wind tunnel testing. 

Two brief studies were accomplished to establish criteria 
for roll control power and control coordination characteristics. 

Air-to-air combat encounters were simulated on the General 
Dynamics Fort Worth Division ATAC digital P^ramto assess the 

effects of roll performance on the tactical characte 

advanced fighter configurations The Xf 
of roll performance were reviewed from the standpoint of pilo 
control capability and the interrelated effects of inertia, 
lateral-directional stability, and control coordination thro g 

out the wide angle of attack range of interest. 

of the wing body configuration was accomplished 
based onlhe cruLu of eliminating or minimizing the strength 

of the shock patterns on the wing upper surface ^er a wide 
-i f ranee This criteria minimizes shock maucea 

ToK layer^ separat Ionian the basic wing pUnform and hence 

enhances control effectiveness Reliance 
cable experimental data, general design guideline., and sem 

empirical techniques. 

In selecting suitable wing mounted control devices, the 
Flight Dynamics Laboratory desired that primary emphasis be 
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placed on the use of leading edge devices for primary controls 
and also auxiliary devices to be used with conventional controls. 
This led to designating the study by the acronym LEDE (Leading 
Edge Device Effectiveness). However the study was more general 
than this title in that several other wing mounted controls and 
differential horizontal tail deflection were also investigated. 
These other devices consisted of flaperons at three spanwise 
locations and a vented spoiler for primary control, split trail¬ 
ing edge flaps, vortex generators, and a Kruger leading edge 
flap on the glove for auxiliary devices. 

Two items received special attention in the specification 
of wind tunnel test techniques. In the past, wind tunnel 
measurements have experienced problems in the simulation of 
boundary-layer shock-wave interaction due to Reynolds number 
mismatch and in the tunnel wall interference effects at tran¬ 
sonic speeds. Simulation of the boundary-layer shock-wave 
interaction was investigated by testing over a wide Reynolds 
number range. The majority of the wind tunnel testing was 
accomplished in the AEDC PWT four foot by four foot test sec¬ 
tion with a 22.5 inch span model. Wind tunnel wall interference 
effects were evaluated in a brief validation test using the 
AEDC P'WT sixteen foot by sixteen foot transonic facility. 

Six component force and moment measurements were obtained to 
afford the best possible understanding of the degradations in 
control effectiveness at high angles of attack and the origins 
of control yawing moments as well as to record the basic longitudinal 
and control effectiveness characteristics of the LEDE configurations. 
Numerous flow visualization runs were accomplished using a mixture 
of oil and titanium oxide pigment prepared by AEDC personnel. 
In addition, buffet characteristics were obtained for several 
configurations through wing root bending measurements. 

4. REPORT ORGANIZATION 

A detailed description of the LEDE configuration is pre¬ 
sented in Section II together with the information and criteria 
employed to establish the selected design. The various techniques 
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employed in the wind tunnel testing are reviewed in Section III. 
The detailed wind tunnel programs, denoting the configurations 
and conditions tested, are also presented in this section. 

The discussion of tests results is provided in Sections IV 
through VII covering comparisons between data from various wind 
tunnels, simulation of full scale characteristics, symmetrical 
configuration effects, and data for the various roll controls. 
In the interest of brevity, only representative data plots as 
necessary to illustrate the key points are included in these 
sections. Extensive presentation of these data is given in 
Appendices III, IV and V. Concluding remarks on symmetrical 
configuration items, roll-control devices, and specific wind 
tunnel test techniques are provided in Section VIII. 

Several other items only generally related to the main 
objective of the study are included as appendices. A brief 
study of roll performance effects on tactical suitability in 
air-to-air combat is summarized in Appendix I. Background 
information used to select the control power criteria for 
sizing the various wing mounted roll controls is documented in 
Appendix II. And, in the interest of completeness, a tabulation 
of all force and moment measurements obtained from wind tunnel 

tests is provided in Appendix VI. 



SECTION II 

CONFIGURATION SELECTION 

The configuration selection task was guided by three 

basic ground rules: 

1) The configuration should be representative of the 
current thinking with respect to high performance 

fighter aircraft design; 

2) Primary emphasis should be placed on stability and 
control characteristics rather than performance; 

3) Existing model components should be used where feasi¬ 

ble to reduce fabrication costs. 

Within this framework of guidelines the project team had 
a high degree of freedom in selecting the test configuration. 
The final configuration chosen represents a compromise among 
application of advanced wing design concepts, constraint of 
wing area imposed by model loads and consideration of the 
overall fighter-aircraft design problem. In particular, con¬ 
sideration was given to roll-control devices compatible with 
the high-lift system for low-speed conditions. This led to 
the emphasis upon plain leading- and trailing-edge devices 
which might be used for a simple high lift system at low 
speeds as well as roll control over a wide speed range. 

1. GENERAL ARRANGEMENT 

The general arrangement of the test configuration is shown 
in Figure 1 . Several details of the model are illustrated in 
the model photograph of Figure 2 . A complete set of geometric 
data for the LEDE configuration, including all manufacturing 
drawings, is given in Reference 1 . For convenience to the 
reader, key geometric data are presented in Table I in both 

model scale and full scale dimensions. Unless specifically 
noted, the full scale values are used for discussions in this 

report. 
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OVERALL SPAN 
OVERALL LENGTH 

. 

Figure 1 RESEARCH MODEL GENERAL ARRANGJ^NnTD_ DAM. 
(ROLL CONTROL L.E.D.E. FORCE MODEL PROGRAM) 
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TABLE I 

ITEM 

WING AREA 

ASPECT RATIO 

ROOT CHORD (AT i) 

TIP CHORD (OF BASIC 
TRAPEZOIDAL WING) 

WING SPAN 

MEAN AERODYNAMIC CHORD 

LOCATION OF MAC 
LONGITUDINAL(L.E.) 

LATERAL 
y 

MOMENT 
CENTER - 251 

BASIC TRAPEZOIDAL WING 
LEADING EDGE SWEEP 
TRAILING EDGE SWEEP 

TAPER RATIO 

GLOVE 
LEADING EDGE SWEEP 

OVERALL LENGTH 

F.S. OF NOSE 

COMPOSITE WING-GLOVE 
PLANFORM 

GEOMETRIC CHARACTERISTICS 

SYMBOL FULL SCALE VALUE 

Sref 

ARbasic 

Cr 

bref 

MAC 

498.31 FT2 

4.07 

231.14 IN 

69.34 IN 
SS224.24 

540.57 IN 

157.98 IN 

X 
Y 

c.g.ref 

ALEw 
Ate* 
X-p 

A leg 

^composite 
A^coniposlte 

F.S. 450.03 
S.S. 101.22 

F.S. 522.97 

31.50 deg 
-6.207 deg 

.300 

70.0 deg 

866..64 IN 

F.S. 22.01 

618.72 FT2 
3.28 

MODEL SCALE VALUE 

.86512 FT2 

4.07 

9.631 IN 

2.889 IN 
SS9.343 

22.524 IN 

6.583 IN 

F.S. 18.751 
S.S. 4.218 

F.S. 20.397 

31.50 deg 
-6.207 deg 

.300 

70.0 deg 

36.11 IN 

F.S. 0.917 

1.0741 FT2 
3.28 

NOTE: Airfoil section 
coordinates are given in Figure 5, page 15 



Study of various possible wing-body arrangements for the 
LEDE program led to the conclusion that existing 1/24-scale 
model components could be employed for the fuselage-inlet and 
empennage. These components were previously fabricated and 
used in the F-lll program; however, several minor geometric 
differences exist between these parts and the selected F-lll 
configuration. The wing planform, which resembles an ogee 
type, was actually derived from a low-aspect-ratio tapered 
planform that was mated to the existing "glove" planform. The 
curved wing tip and curved leading edge in the region of the 
glove-wing intersection are modifications selected to improve 
performance and stability and control characteristics at tran¬ 

sonic speeds. 

The cross-sectional area distribution resulting from 
addition of the fixed wing to the basic F-lll fuselage-inlet 
package exhibits rather severe slopes both ahead of and behind 
the maximum area. Fairings were added to the canopy, the 
nacelles and the aft upper fuselage to obtain a "good" Mach 

one area distribution. 

The rationale behind the design approach and the back¬ 
ground details are discussed in the following subsections. 

a. Wing Planfora, 

The basic goal of the wing planform selection was to 
provide an aerodynamic surface free from adverse effects of 
shock-induced boundary layer separation insofar as possible. 
Control problems associated with maneuvering in the high-lift 
transonic speed regime are caused primarily by such shock- 
induced separations. The shock wave patterns which produce 
adverse separation are essentially caused by inadequacies in 
the basic wing-body geometries of currently operational air¬ 

craft. 

The complexity of the problem is illustrated in Figure 3, 
which presents a typical transonic shock pattern on a moder¬ 
ately swept wing and a qualitative sketch of the flow separ¬ 
ation boundaries for such a wing as a function of lift coeffi¬ 
cient and Mach number. A reader familiar with the problem will 
recognize these illustrations which were presented in the open 
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TYPICAL TRANSONIC FLOW COWITION 

¡liiliil 
/ • 

QUALITATIVE SEPARATION BOUNDARIES 

Le«dlng-e<!g« S*pâ£«tlon 

Forward Shock 

Attached Flow 

Outboard 
Shock 

Rear 
Shock 

MACH 

Figure 3 TYPICAL THREE-DIMENSIONAL SHOCK PATTERN AND 
* 8 qualitative separation boundaries 



literature by Rogers and Hall (Reference 2) and later appeared 
in the excellent survey paper by Pearcey, Reference 3. Adverse 
flow separations can occur aft of the rear shock, the forward 
shock, or the outboard shock. The pattern shown is only typi¬ 
cal and of course is altered by planform geometry, airfoil 
section, and wing twist and camber distributions in addition 
to Mach number and lift coefficient (or angle of attack). 
Pearcey points out the fact that severe separation usually 
occurs aft of the outboard shock, but the formation of an out¬ 
board shock can be delayed to higher angles of attack by 

judicious choice of p?.anforms. 

One of the best indicators of the effects of wing geometry 
on the formation of shock-induced separations is the variation 
of buffet onset lift coefficient with Mach number. Figure 4 
presents buffet boundaries qualitatively for several different 
aircraft as obtained from flight data (Reference 4). The 
pianforms associated with each buffet onset curve are indica¬ 
ted in the figure by the identifying numbers. The geometric 
characteristics of the wings of each aircraft are tabulated 

on the figure. 

The significant features of Figure 4 are (1) that a dip 
in the buffet boundary occurs when buffet is caused by shock- 
induced separation, (2) that increased leading edge sweep 
tends to delay the dip in the buffet boundary to higher Mach 
numbers, and (3) that the general trend of the buffet boundaries 
for thin wings (especially those with low values of leading and 
trailing edge sweep) is different from that of the thicker and 
more highly swept wings. There are four factors that contribute 
to this behavior. First, the thin airfoils do not perturb the 
flow is severely as do thicker airfoils; therefore, the strength 
of the shock waves which do form is lower. Second, the pressure 
gradients due to airfoil shape are lower over the aft portion of 
the airfoil, therefore, less tendency towards trailing edge flow 
separation exists even if shock waves do form on the wing. Third,4 
low values of leading edge sweep tend to delay the onset of lead¬ 
ing edge flow separation for a given streamwise and airfoil thick¬ 
ness ratio. Fourth, the interval of Mach numbers between initial 
formation of supersonic flow on the wing and supersonic flow 
reaching the trailing edge is smallest for low values of trailing 
edge sweep. The four factors combine to give a buffet boundary 
which is low at subcritical Mach numbers and then rises very 
rapidly with Mach number. The low buffet boundary at lower Mach 
numbers can be raised significantly by use of leading edge flaps. 
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aircraft 

1 
2 
i 
'J 

4 
5 

6 
7 
8 

ASPECT 

RATIO 

3.09 

2.45 

3.75 

3.40 

3.86 
2.20 
2.90 

2.31 

HACH HUMBER 

LEADING EDGE 
SWEEP-D«gro 

23.1 
27.0 

32.0 

46.0 

49.5 
60.0 

41.1 
60.0 

» 

TAPER 

RATIO 

0.39 

0.38 

0.20 
0.25 

0.26 

.23 

AIRFOIL 
THICKNESS 

RATIO 

0.045 

0.034 

0.048 
0.060(toot),0.030(Tip) 
0.070 

0.055 # v 
0.080(Root),0.050(Tlp) 
0.065 

Figure 4 QUALITATIVE BUFFET BOUNDARIES OF VARIOUS AIRCRAFT 
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One can infer from the previous discussions that a prime 
planform candidate for achieving improved transonic aerodynamic 
characteristics should be a derivative of a thin wing having 
low to moderate sweep. This avenue of approach was pursued. 
A thorough review of NACA, NASA, and British reports was under¬ 
taken to identify planform and airfoil section effects on shock 
patterns. In addition, a large amount of General Dynamics tran¬ 
sonic wind tunnel test dsta on variable sweep and fixed wing 
high performance configurations was analyzed in terms of lift 
and drag characteristics. On the basis of this review, it was 
decided to mate a basically low aspect ratio trapezoidal wing 
of moderate leading edge sweep and taper ratio to the F-lll 
glove planform. The highly developed wing-body junction design 
of the F-lll would be preserved and thus reduce the probability 
of a forward shock originating from the wing-body juncture. 
However, it was recognized that the kink in leading edge sweep at 
the intersection of the glove and outer wing panel would be another 

possible source of a forward shock. 

Previous General Dynamics work on the aerodynamic character¬ 
istics of non-straight-taper wings (Reference 5) provided the 
knowledge that the change in leading edge sweep at the inter¬ 
section of the glove and outboard wing panel would cause high 
interference velocities and that the high velocities could be 
significantly reduced by using a curved leading edge to give 
a smooth transition of leading edge sweep. Investigation of 
British papers on transonic wing design (References 6,7, and 
8) indicated that further improvements might be obtained by 
using a parabolic leading edge shape at the tip. The curved 
tip tends to produce a nearly constant spanwise distribution 
of minimum pressure coefficient due to angle of attack in the 
tip region and thus reduces the possibility of formation of 

a tip shock. 

The lift and drag analyses mentioned earlier indicated 
that a slightly higher aspect ratio than that provided by the 
basic trapezoidal planform would be desirable so the curved 
tip was added to the trapezoidal planform to increase the 

overall wing span. 



Originally Che planform was designed to have a^full scale 

wing area of approximately 600 square feet ^Ids 
glove). Prediction, of model loads at ^ 
number. Indicated that angle of “tack would be 
limited with such a large wing area. The fin 8 f 
on the model represents a compromise made to obtain angl 
attack considered useful for the investigation. 

b. Wing Section 

The primary airfoil section chosen for the C°^g£^ion 
win« employs considerably more camber than those that have pre 
viouslyPbeen used for fighter aircraft which have supersonic 
anaMlltv The airfoil section is conventional in the sense 
rha ie surf^e «díñate, are derived fr<xa NACA 64A series sections 
It Is une onventlona1 In the sense that the surface ordinate are 

taken from two different values of thickness ratio. ™e 
airfoil eeometry is shown in Figure 5. The surface ordinates 
from°five6percent chord on the lower surface forward around 
t-he* leading edge and on the upper surface back to the trail ng 
edge are those for the NACA 64M03 5 section. From ^ntyper¬ 
cent chord on the lower surface t.t to the trailing e 8 > 
ordinates are those of the NACA «A404 5 section A straight 
line fairing between five percent chord and twenty percent 

chord joins the two ordinate distributions. 

The airfoil selection was purely empirical and was made 

for the following reasons: 

1) Detailed review of the literature Indicated that the 
leading edge and upper surface geometry are the pri 
mary airfoil factors that set the upper surface flow 

field. 

2) The analysis of available wind tunnel data previously 
} mentioned Indicated that a 64A403.5 section provided 

good aerodynamic characteristics at transonic high 

lift conditions. 

3) The additional span due to the added curved wing tips 
predicated an increase in thickness ratio to four 
percent to improve structural characteristics. 
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Figure 5 AIRFOIL SECTION OF BASIC TRAPEZOIDAL WING 



The airfoil section In the tip region was developed by 

wise and chordwise directions. 

The wine incidence is set at a negative one degree with 
^snect to a waterline plane. The origin of the incidence 

is the line joining the intersection of the S¿0™ £"* 
leading edges at fuselage station 443.01. No geometric 

twist is used in the basic wing chord plane. 

The glove upper surface lines from fuselage »tatlon 400.°° 

aft are refalred to provide a smooth transition to e t^ P 

zoidal outer wing panel. In the region o£ 
section additional leading edge droop la used to further red 
Interference velocities over the curved leading edge. 

C. Fuselage Modifications 

The model ^salage is ^ified che sting 

T^Ts Ä in r ^ttriludlrectlongthanra.epre- 

viously used; ^herefor®* d c A C0Ver plate encloses 
modified more between the ducts. A cover h 

the sting cavity. 

The cross-sectional area dis tribu tlons^for rheUD^con- 

figuratlon are shown i" Figure b^ ^ area dlstrlbutlon and 

wing caused a rather sharp p and aft o£ tha peak. Fair- 
high values of slope both^h^ d ^ ^ £ill the slopes and 

ings have been added i rettion of the wing- 
improve the area ^ißtri u faJ;rings arl indicated by the 
fuselage Intersection. Jhe fairing. sur£,ce £air. 

cross-hatchec a^ea® in an® fairing from fuselage station 
ing which extends the ,q?yh been added to the upper 

28V° thf f0onrwa9rd Fairings have 

beenaadded to the nacelle sides and to the aft upper 
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• STING MODIFICATION INCLUDED 
• INLET AREA - 2110 IN2 

Figur« 6 NORMAL CROSS SECTIONAL AREA WITH TAILS 



UPPER SURFACE FAIRING 

iS 785 

mzz^ 
NACELLE SIDE FAIRING 

FS 550 
FS 725 

Figure 7 FUSELAGE FAIRINGS 



fuselage Co fill the aft facing slopes. The amount of area 
added by these firings has been f or wlchouC 

ÄÄ and’vertical^all areas Included in the test 

configuration area distribution. 

2. LEADING EDGE FLAPS 

Available wind tunnel data on the ‘“^“j^p^anfora^ffect^ 
or leading edge flaps were survey small chord flaps having 
Most NACA and NASA data constant percent of 

a1Ch0choïdng Re«nCt General ^namic" wind tunnel tests have obtained 
dS on°leadingCedge^flap plSform. having chord^e^ s which 
vary with span but are not a constant percent wing cno 

Based on the results of the data «urvey theReading edge 

flap planform shown ln Wgu« t 
figuration. The hinge line is detl"e° J , J of the 
chord at the root ^ thirty P^^c^board ed of the flap upper 
basic trapezoidal planform. Th i b ^ c*rough the inter¬ 
surface Is deflned by a U hi trapezoidal wing leading 
section of the theoretic | .. the aircraft centerline, 
edges and is orle”ted J.ntersect the curved tip. The mating 
The hinge ^^at the inboard edge are cut on a 

fort" fi- degree olane to the wing manufacturing chord plane. 

Leading edge deflections of zero^ five, ^and 

degrees are provided for both let brackets fabricated for 

each angle, thus the lead ng eJ5 fl field is identical for 
critical in setting the upper surface flow tieia r 

each deflection. 

A set of alternate leading 

tigate the ef^ectS of J £ a Guidelines for design of the 
modified as shown in Figure 9. Guidelin 10and L1. The 
modifications were obtained from References 







curvature and slope distributions near the leading edge are shown 
in Figures 10 and 11 , respectively, for both the basic and alter¬ 

nate airfoils. 

3. AILERONS AND TRAILING EDGE FLAPS 

Selection of the planforms for the trailing edge devices was 
accomplished in a manner to allow Investigation of several span- 
wise aileron locations and simple transonic maneuvering flaps. A 
relatively small chordwise extent was selected so that the main 
portion of the wing could be employed for a structural box even 
though a rather wide leading-edge flap is incorporated. The aft 
twenty percent chord was divided into four spanwise segments 
It was planned to heve each fifty-one inches wide, (full scale) 
however, the nacelle side fairings necessitated a reduction in 
the inboard segment span to 41.28 inches, see Figure 8. Control 
effectiveness estimates, based upon the USAF DATCCM, Reference 12, 
confirmed that the desired level of control pcwer could be 
attained by using any two of the four trailing edge segments. 
These estimates, based upon fifteen degrees aileron defection 
are given in Figure 12 for the inboard (segments 1 and 2 ), mid¬ 
span (segments 2 and 3), and outboard ailerons (segments 3 
and 4 ). A conservative surface deflection was used for surfa e 
sizing since control effectiveness has been found to decrease 
drastically at deflections greater than ten to fifteen degrees 
depending upon the particular configuration, see for example 
Reference 13. Details of the work leading to the roll control 
power criteria may be found in Appendices I and II. 

4. VENTED SPOILER 

A representative spoiler was included in the selected roll 
control devices in order to obtain a direct comparison of various 
roll controls on a single wing planform. An additional conside 
ation is that configurations with advanced high-iift systems, sue 

as slotted and/or Fowler flaps, are normally incompatible with the 

design requirements of conventional ailerons. 

Geometry of the selected spoiler is shown in Figure 13. A 
nominal ten percent chord hinged at 0.75 was selected with the 
device spanning segments 2 and 3 . Venting of one percent 
chord at the hinge line was chosen based upon experience 
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Figure 10 CURVATURE DISTRIBUTIONS 

- BASIC AIRFOIL (Kl Leading Edge) 
_ MODIFIED AIRFOIL (K2 Leading Edge) 

Figure 11 UPPER SURFACE SLOPE DISTRIBUTIONS 



Figure 12 ESTIMATED AILERON ROLLING MOMENT 





that auch an arrangement significantly reduces hinge moments 
while improving rolling moment linearity at small deflections. 
This device is geometrically similar to the mid-span aileron and 
thus affords a meaningful comparison between the two types of 
control devices without strict regard to the rolling moment 
attainable. (Estimate based on the USAF DATCOM indicated that 
to meet the selected transonic control criteria, the spoiler 
would have to be fifteen percent chord spanning segments 1 , 2 
and 3 with a ninety degree deflection). 

5. SPLIT FLAPS 

Available experimental data for wing sections and ailerons 
with blunt trailing edges suggest that a split trailing-edge 
flap offers two basic ad'/cntages when employed to effectively 
blunt the trailing edge. First, trailing edge bluntness reduces 
static pressure at the aft stagnation point causing a signifi¬ 
cant aft movement of the shock/wave on the wing upper surface. 
This minimizes shock-induced boundary-layer separation at tran¬ 
sonic speeds. Similarily, in a few cases blunt trailing edge 
ailerons have been found to be more effective than conventional 
sharp trailing edge controls at transonic speeds, see References 
14and 15. To evaluate these effects, the split flaps of Figure 
14were selected. Differertial deflection is obtained by de¬ 
flecting the appropriate aileron and split flap as an integral 
unit. Flap F2, to be employed on all aileron segments, has a 
trailing edge depth equal to the airfoil thickness at eighty per¬ 
cent chord. Flap F3 (for aileron segments 2 and 3 ) has a 
trailing edge depth of twice the thickness at eighty percent 

chord. 

The experimental data of References 14 and 15 have been used 
to estimate the increase in control capability with blunt trail¬ 
ing edges as indicated in the Table. However, it was not felt 
that this data was sufficiently applicable to estimate differ¬ 
ences between blunting effects for split-flap configurations 

F2 and F3. 
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Figure 14 TYPICAL SPLIT FLAP SECTIONS 
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6. VORTEX GENERATOR PATTERN 

on. of the auxiliary devices 
an array of 'to reduce the extent of shock-Induced 
very successfully in the p excellent discussion cc vortex 
separation. Pearcey present R r__ence 16 The applies- 
generator design principles and uses in 0PfPshock. 

tlon in the present Investigation devices 

induced separation che "f“"« hïgh Ä o£ attack, 
at transonic speeds at moderate to nig g 

i anfrvr-in qize and spacing were selected using 
The generator P1™?“™’f s 16 Pnd 17 and from data gener- 

guldelinea estabUshed ln Beference /10.ScaU floM field 
ated by General Dynamics in tests or a 1/ 
model of the F-UIA at supersonic speeds. 

The selected vortex generator s'are 

The design is unconventional in e paraiiel ro the aircraft 

oriented such that their chord P^^^/^^tant in size and the 
plane of symmetry. The genera 0 line cf the leading-edge 

flapÍn8The8arrayeextends spanwise from the inboard edge of the 

leading-edge flap nearly to the wing tip. 

1 fn nrnduce low drag at low angles of 
This array was selected to p strength at high angles 

ofCa«acídtoeredÚcÍUtheSextenteôf shock induced flow separation 

ã tíe «.rung-edge region. Surface flow photographs from 
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NACA test of a 38.5 degree leading-edge-sweep wing of four per- 
cení thickness ratio (Reference 18) were used to set the gener¬ 
ator orientation. The photographs show that the surface flow 
streamwise at low angles of attack. The flow takes on a pro 
gressively increasing inboard direction with increas ng g 

of attack. For the LEDE configuration it 
surface flow over the outer wing panel would be q^^tiveiy sim 

ilar to that over the NACA wing. On this basis, J 
generator planforms were anticipated to start Produc^^0^tin8 
vortices of significant strength at about slx deg^8a^e °f 
attack and that the increase in vortex strength with angl 
attack would be sufficient for the intended purpose. 

The phvsical construction and mounting of such small gener¬ 
ators presented a difficult problem which was overcome by machin 
ing the vortex generators as integral parts of a separate set o 
leading-edge-flap brackets (Figure 16). The choice of leading 
edge-flap deflection for use with the vortex generators had to 
belade prior to the tests. The five degree deflection was 
chosen because it was anticipated that generator effectiveness 
would be sufficient to make the five degree deflection equ 
to or superior to the ten degree deflection in terms of roll 

control effectiveness at high lift coefficients. 

7. KRUGER GLOVE FLAP 

A Krueer flap was devised for the glove leading edge during 

the testing in FWT AT. The intent of this dévice was al^er 
the vortex flow originating from the highly swept leading edge 
of the wing1glove , particularly at high angles of attack where 
such a vortex might adversely effect the control effectiveness 

of roll control devices located outboard on the winf prope*¡* 
ííebiiic geometric characteristics of this Kruger flap and the 
location relative to the glove planform are shown in Figure 17 . 
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SECTION III 

WIND TUNNEL TECHNIQUES AND TEST PROGRAMS 

The objective of the test program was to investigate methods 
of improving roll control effectiveness at transonic high lif^ 
conditions. Recently developed concern about methods of testing 
to adequately simulate flight conditions for shock induced flow 
separation had an impact on the experimental program. Two dif¬ 
ferent problems had to be resolved. First, how could the effects 
of transonic wind tunnel wall constraints be minimized or at 
least evaluated? Second, which of several recently proposed 
methods of simulating boundary-layer conditions at flight Reynolds 
numbers should be used? The first problem affected the choice 
of test facilities and the second problem the mode of conducting 

the test programs. 

1. FACILITIES 

The Request for Proposal stated FDCC's desire to have the 
investigation run in the Arnold Engineering Development Center 
Propulsion Wind Tunnel (AEDC PWT 4T) transonic facility. Cali¬ 
bration data available at the time of the contractor's proposal 
did not indicate that significant effects due to tunnel size 
would be encountered in that facility. Some anomalous results 
had been obtained in General Dynamics tests in other small tran¬ 
sonic facilities and, therefore, it was proposed to use two 
approaches to validate the 4T test data. First,an F-111A con¬ 
figuration which has been tested in a larger facility would be 
included in the 4T test program. Comparisons of force and moment 
results from the two facilities would be evaluated to assess 
possible tunnel wall effects. Second, a short verification test 
program was proposed to be run in the PWT 16T facility. The 
first proposal was accepted as part of the basic contracted 
effort. The second proposal was originally rejected due to 
uncertainties in the schedule and demand for 16T occupancy time. 
Later the proposal was accepted and the 16T test program was 
funded under an extension to the original contract. 
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The test conducted in the Propulsion Wind Tunnel 
Facility (PWT 4T) was designated TC-043, and was accomplished 
during the time periods from 21 to 31 July and from 2 to 5 
September 1969, for a total of 120 hours of installed time. 
The first entry was terminated when the 1.5 inch Task MK-VI-A 

balance failed during the testing of Part Number 316» at w“ich 
time 92 hours of installed time had been utilized. The 1.5 
inch Task MK-VI-B balance was obtained for the second entry 
into PWT 4T, and the remaining 28 hours of test time were 
utilized. The PWT 16T test, designated TF-216, was run during 
10 and 11 September 1969, and required 26 tunnel occupancy 

hours. 

An arrangement was made among FDCC, Directorate of Test at 
AEDC ARO, Inc. and General Dynamics to loan the LEDE model to 
ARO for calibration tests in the PWT 4T. In addition to the 
two tests discussed in the previous paragraph, calibration data 
was obtained during test TC-045 performed on 6 September 1969 
for the model in both the upright and inverted positions for 
various tunnel wall porosity settings at several Mach numbers 
in the range from 0.7 to 1.2. General Dynamics, in turn, was 
permitted use of the calibration data to assess differences 

between PWT 4T and PWT 16T results. 

2. TEST TECHNIQUES 

General Dynamics proposed to use A. B. Haines' approach to 
investigate possible transonic scaling effects during the ex¬ 
perimental program. The approach described briefly in Reference 
19 is essentially to use a boundary layer trip well forward on 
the wing, but size the trip to be smaller in height than is 
normally used. In this way the thinnest possible turbulent boun¬ 
dary layer can be obtained ahead of all significant shock waves. 
The test unit Reynolds number was to be the highest possible 
consistent with model loads and tunnel operating modes. 

Six-component force and moment data were to be obtained in 
pitch runs including a nominal angle of attack range from - to 



28 degrees. The basic test ccmflguratT011 was to '’I**® 

configuration less . °Nua>eroua surface 

fio«6visual!ration IZw**' -re to be obtained to aid interpre- 

ration of the force and moment data. 

„ the actual 

changes“to”the11 planned'test procedure,. The change, included: 

1) modification of the approach to simulating full scale 

conditions; 

2) implementation of surface flow visualization; 

3) addition of the horizontal tall to the configuration for 

most of the roll control device tests. 

The operational « t^^“U^on- 

reduction and^ summariee of the con- 

figuration tested complete this section. 

a. Full Scale Simulation 

j a avHor It was originally intended to use the 
As mentioned e^^r[ gStif,ate transonic scaling effects 

A. B. Haines approach to lnvestl8a|C®fftrtunatelv the initial 
during the experimental programan indicated tha; wall inter- 

concern about interpretation of data for tn ro 
if any significant deviations from normal test pracr 

used. 

Preliminary runs made on the LED* figuration without^ 

horizontal tall, to f Incurring on the 

nique indicated thaC nafU^ h leading-edge flap hinge line 
miter-wing upper surface near tne reaax g b attack 
II llw aille of attack and moving forward as angle of attack 
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, ^ This situation indicated that fixing transition near 
increased. This >1Cua“°" nrevent this movement. Carborun- 
the leading edge was neceasa^y. ^ a sparse distri- 
Anm orit was aoolied as shown in Figure iö using « 

BSvh z'iiï zz-niï 
orit^was us“d at all Mach nimbera and Reynolds numbers. This 
frit flee w« .Uo' used for all other boundary Uyer trips except 
For #150 grit on the nose. , . . 

The maximum unit Reynolds number thatcouldbeotanedt 

,11 test Mach numbers «as V2 -Ul oj Per oot 
Of the tests were run «‘ that condition. ^ ^ ^ numbers 

were tested also at 3.0 millio p ». o anA q Mach number, 
and at the maximum obtainable values at .8 and .9 Mach number. 

™ bhe ^^^^^„frríêft^at^íÂíds 

nS'oflTandl o million per foot to provide a checR on 

the 4T results, 

b. Flow Visualization 

Surface flow visualization was accomplished in bot^ the 
. T^ ^sts PWX Personnel have not had success in attempts 

and 16T tests, rwi persoi» .. Therefore, a mixture 
to use the fluorescent oil fiim techniq . indicator, 
of titanium oxide and oil was used ^ Che surface flo ^ 

The flow patterns were entry in the FWT 4T 
several angles of attack. Dur g processed overnight 

faculty, color ^ S^id in ^ interpretation 
and were viewed by tne proj in qplectlne con- 

of the force and experimental program, 
figurations to be tested later in t p reproductions 
Unfortunately attempts to produce black and 
of single frames gave some poor resultSy and dur. 

white film was used for the second entry 

ing the test in PWT 16T. 

-srs"« ... 
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thoroughly cleaned and sprayed «1th flat-black acrylic lacquer. 
It was observed that the Indicator would flow successfully for 
about 15 minutes and then would bake into the lacquer finish. 
As a consequence, the surface flow data could be obtained at 
only one Mach number during a run. It was decided to take sur¬ 
face flow data at .9 Mach number in the 4T facility unless a 
shutdown occurred for operational reasons prior to completion 
of a series of Mach numbers. It was further decided to take the 
oil flow data first and then take force data without a shutdown. 
This test approach was considered feasible and practical since 
no significant surface irregularities were produced by the sur¬ 

face flow mixture aft^r it had baked into the lacquer ffnish- 
Some example photographs are shown in Sections VI and VII. 

c. Basic Test Configuration 

One of the most significant problems that occurred in the 
4T tests was that angle of attack for the wing-body combination 
was limited to angles of attack ct about 15 degrees. This situa¬ 
tion was caused by two factors. First, the force balance was 
located relatively aft in the existing fuselage so that for 
transonic conditions, horizontal tail off, almost all of the 
normal force was carried by the forward normal force gage. 
Second, high vibrational dynamics were encountered near 15 
degrees angle of attack. The dynamics were attributed to two 
causes - aerodynamic buffet and an adverse flow situation a 
the support system strut. During the first entry of TC-043 in 
PWT 4T a gap existed where the strut extended below the tunnel 
floor. The gap was sized to allow the sting support boom to 
extend below the floor for the higher angles of attack. Prior 
to the second entry of TC-043 (Part No. 400 and on), a strut 
flapper-door-seal was installed in the tunnel floor to minimize 
the opening surrounding the strut and the dynamics encountered 

were reduced by this tunnel modification. 

Addition of the horizontal tail to the configuration altered 
the aerodynamic loading such that less load was carried by the 
forward gage and more by the rear gage. Maximum angles of attack 
for the complete model tests ranged from 20 to 30 degrees depend¬ 
ing on Mach number and unit Reynolds number conditions. Because 
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the higher angles of attack were of major interest in the study 
the complete configuration was used for most of the roll-control 

device runs . 

3. FORCE AND MOMENT MEASUREMENTS 

Six-component force and moment data were computed in the 
stability axes system about a reference moment center located 
at F.S. 20.397 (which corresponds to the 2570 C of the LEDE wing), 
and at W.L. 7.367. However, the tie-in data were reduced 
about a point located at F.S. 21.951 (which corresponds to the 
45% C at wing sweep of 16 degrees) and W.L, 7.367 The stabi¬ 
lity axis system and sign convention are shoun in Figure 19. 

The measured data have been reduced to coefficient form and 
non-dimensionalized by the following: 

b - Wing Reference Span, in. 

c - Wing Reference mac, in. 

Sy - Wing Reference Area, ft2 

The model angle of attack is referenced to the wing reference 
chord which is one degree negative to a waterline plane for the 
LEDE wing, and one degree positive to a waterline plane for the 

tie-in model. 

The data were corrected for fuselage and nozzle plug base 
drag and duct internal drag. Fuselage and nozzle plug base drag 
corrections were determined concurrently with the force data 
throughout the tests and applied as a drag coefficient correction. 
Internal drag coefficients were also applied as drag coefficient 
corrections (to the 4T and 16T data) from the pressure runs 
obtained at the beginning of TC-043 for Mach numbers of 0 70, 
0.80, 0.90, and 1.20. A linear interpolation was utilized to 
obtain the internal drag corrections for Mach * 0.85. No 

LEDE TIE-IN MODEL 

22.524 31.500 

6.583 4.521 

0.86512 0.91146 
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interpolations were attempted for Mach ^"toers aoove 0>90’ *\ 
fore, internal drag corrections for M - 0.95 were those obtained 
for Mach 0.90. Similarly, the internal drag corrections fo 

M « 1.0 and 1.10 wer« those values obtained for Mach 1.20. 

The 1.50-inch Task MK-V!-A six-component Eternal strain 
anee balance was used during the first entry in PWT 4T (Test 
NoS TC-043) until a fatigue failure in the drag >nkage occurre 

during Part No. 316. The second entry 
test in the 16T facility, weie completed with the 1.50-inch Ta. 

MK-VI-B balance. 

The balance normal, side, and axial forces, as well as rolling 

moment, were recorded on an oscillograph, along w t ang e o 
attack in order to provide a method for locating the angle of 
attack at the onset 'of buffet. Buffet-type data »ere alsorecorded 
from strain gage bridges located just outboard of the nacelle on 
both the right- and left-hand wings as indicated in Figuie 20* 

The output of the gages was amplified and f^^hr°^sider- 
RMS meter and integrated over a short period of time. Consider 
able difficulty was encountered with the buffet measurements 
during the course of the tests and reliable data were obtained 
for only a few configurations. Since this type of data was to 
be used primarily to aid in the interpretation of the force and 
moment data and to evaluate the baseline configuration, on .y 

selected results are presented in this report. 

4. TEST PROGRAMS 

Test data for tests 
numbers of 0.70, 0.80, 0 
number of 5.2 x 10 per 
obtained at M * 0.85 and 
tion to the Mach numbers 
figuration was tested at 
A limited amount of data 
numbers of 3.0 and 6.5 x 

TC-043 and TF-216 were obtained at Mach 
.90, ana 1.20 at a nominal unit Reynolds 
foot. A limited amount of data was 
0.95, at the two facilities. In addi- 
mentioned above, the "clean" wing con- 
Mach numbers of 1.00 and 1.10 in PWT 16T. 
was also obtained at alternate Reynolds 
1q6 per foot as previously mentioned. 

41 





The model was pitched through ttw angk of attack range 
at 0 degrees sideslip. The pitch range at PWT 4T was obtained 
by utilizing the normal pitch sector, strut, and sting attach¬ 
ment receptacle (boom). However, ¿n auxiliary pitch mechanism 
was required in PWT 1ÕT in order to obtain the higher angles cf 
attack, see Figure 21. All tne angles of attack were set with 
the auxiliary pitch mechanism, with the basic ating support 

system in a fixed position. 

The PWT 4T tunnel wall porosity was set at the optimum 
position cf 6 percent for all the Mach numbers tested between 
0.70 and 1.2C However, prior to the second entry of TC-043, 
the optimum porosity setting for Mach » 1.20 was changed from 
6 percent to 4.85 percent. No porosity changes were made for 
Mach numbers less than 1.20. The PWT 16T facility has a fixed 
wall porosity cf 6 percent. 

No flow angularity corrections were made tc the data pre¬ 
sented herein from the 4-foot and 16-foot tractonic facilities. 

Test conditions and configuration descriptions are listed 
on the Summary Test Log for each test. (Tables II and III.) 
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SECTION IV 

COMPARISONS BETWEEN WIND TUNNELS 

Concern with respect to wind tunnel 
transonic high lift conditions is well founded judging from 
“silts of the present Investigation Fortúnate , both 

proposed approaches to investigating possible effects were 
carried ouïVing the program The “e-ln runs raised 
questions while the tests In the 16T facility provided s 

useful answers to those questions. 

The general differences between data obtained in the 4T 

facility and data obtained in the larger iac^liti^8fc 
ascribed to an apparent alteration of the e^rnal„ bl 
field due to wall constraint at less than t Jabl 
IV contains a summary of the test section block ge 
particular model configurations and transonic test facilities 

used. At all angles of attack other than th°se *°r*e™cllltv 
lift the lift is lower and the drag higher in the 4T 
than’in the 16T. In general, flow separation is induced at 
î^r Uft coefficients in 4T but the effects occur mor^ 

gradually with increases in angle of attack. Some 
differences presented in the following subsections are attri 
but able*1 to flow angularity which is apparently more severe 

in the 4T than in the 16T and of opposite sense. 

1. TIE-IN RUNS 

The tie-in configuration tested during the P««nt 
program was unfortunately not identical to that previou y 
tested in the Cornell Aeronautical IsboratoryS-foott ^ 

sonic facility; however, the configuration différé 
not significant enough to produce the differences in the 
results which occurred. Comparisons between the two set 
of data are shown in Figure 22 for Mach numbers of 0.9 

and 1.2. 

At 0.9 Mach number, the lift curve slope obtained in 
the 4T is significantly reduced from that obtained in CAL. 
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Both the lift curve and the pitching moment curve show that 
the nonlinearities due to flow separation are less severe 
in the 4T than in CAL. The drag polar exhibits the most 
distressing discrepancies because both polar shape and 
minimum drag are altered in an adverse sense in the 4T. 
Again the effects due to separation are less pronounced with 
the significant exception that the drag level at high litt 

coefficients is much larger in the 4T. 

The general trends of these results are similar to 
anomalies previously obtained in other General Dynamics tests 
at subsonic speeds. Because of the differences in the ®odels 
and the differences in wall configurations between the 4T 
and the CAL facilities, the anomalies cannot be strictly 
attributed to the relative si-îe between the models and the 
wind tunnels on the basis of the tie-in data. 

At M *= 1.2 much better agreement is obtained between 

the two sets of data as illustrated in Figure 22b. 

2. LEDE CONFIGURATION LONGITUDINAL DATA 

The LEDE configurations tested in both the 4T and 16T 
tests were identical and the wind tunnel wall configurations 
are similar in that both facilities are of the porous wall 
type and have the holes Inclined to the flow. For the 
present program the 4T walls were set at six percent poro¬ 
sity except for a few runs at M - 1.2, where the porosity 
was7changed to 4.8 percent. Wall porosity for the 16T facility 
is fixed at a value of six percent. Therefore, the results 
shown below are a good Indication of the effects of mode- 
size relative to test section size. Longitudinal data are 
presented for the basic "clean wing" configuration (i.e., 
wing leading-edge and trailing-edge devices all set at 
zero degrees deflection) in Figure 23, Mach numbers of 0.7 
0.9 and 1.2. Other comparisons can be made from the available 
data, but those shown are representative of the general trends. 
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The LEDE configuration results are qualitatively similar 

to those for the tie-in runs, but the discrepancies 
in subsonic lift and drag measurements between the two 

facilities are more pronounced. Some of the d?;ff®£e”ce® 
are caused by significant flow angularity in the 4T facility. 

In general, the effects on lift and drag are large while 
discrepancies in pitching moment are small except at high angle 

of attack where flow separation exists. SP®^flca^» ln 
effects of flow separation occur at lower Uft coefficients in 
the 4T facility and show less abrupt nonlinearities in the lift 
and pitching moment data than occur in the 16T. The drag polar 

shapes in the 4T are degraded both for nonseparated flow and 

separated flow conditions. 

The wall interference problem at transonic speeds is 
not new and attempts have been made to derive theoretical 
methods to correct measured data. Reference 20 presents a dis¬ 
cussion of methods related to slotted wall facilities and experi¬ 
mental data obtained in two different size tunnels on the s« 
subsonic-transport-type model. Application of th® theoreti 

wall corrections to data from both the STnaller4<facillt:yo®"^f.dJnr 
larger facility generally brings the two sets into agreement f 
unseparated flow conditions. The report points out '.hat no 
comparable method of correcting data obtained i.n porous wall 

facilities exists at the present time. 

A preliminary assessment of the calibration test data 

obtained by ARO on the LEDE model indicates that using 
differenc wall-porosity settings In the 41 can Improve the 
degree of agreement between 4T and 16T data. More detailed 
analysis of that data must be done before any definitive 
guidelines can be established. The AEDC report will probably 
be available by the time the present report is distributed 

(Reference 21). 

Data presented in this report have not been corrected for 
either flow angularity or wall effects. Therefore the reader 
is cautioned to use data from the 16T test to ©stäblish com¬ 
parisons between the longitudinal characteristics of the LEDE 
configuration and a particular configuration of interest. 
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Lift, drag and pitching moment effects caused by control surface 
deflections may be obtained by using incremental data obtained 
at fixed angles of attack. However, the differences in angle 
of zero lift between 4T and 16T data, where appropriate, should 
be accounted for in applying such incremental data. 

3. LATERAL-DIRECTIONAL DATA 

Rolling and yawing moment measurements obtained during 
each of the three separate tunnel entries are given in Figure 
24 for the mid-aileron configuration. The rolling moment 

data demonstrate that effects due to flow separation are more 
abrupt for the 16T measurements (note in particular data for 
0.9 Mach number). Differences in level are also apparent at high 
angles of attack, mainly for the 16T data at 0.9 Mach number, 
although some differences are evident for other conditions and 
also between the two entries in PWT 4T. Yawing moment differences 
are most pronounced for the low angle of attack transonic con i- 
tions between the two sets of data from 4T. It is believed, 
these differences resulted from installing the strut flapper- 
door- seal prior to the second entry to minimize the floor cavity 
near the strut. During the first entry, considerable lateral 
motion of the model was observed visually that was not present 
in the later 4T test. In general, it is quite evident that the 
repeatability between entries and facilities is much better at 

supersonic conditions than at transonic conditions. 

Comparisons between PWT 4T and 16T data for differential 
leading edge deflection in combination with the mid- and extended- 
span ailerons are shown in Figures 25 and 26. This data, for 
0.9 Mach number, exhibits variations between facilities similar 
to those noted previously for the mid aileron configuration. 
Note particularly the more abrupt variations in rolling moment 

with angle of attack for the 16T data. 
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SECTION V 

REYNOLDS NUMBER EFFECTS 

In general, the Reynolds numbers effects are very similar 
to previous experience with thin wing models. The signifi¬ 
cant effects discerned from the data as Reynolds number in¬ 
creases are a slight increase In angle of attack for zero 
lift, a slight delay in angle of attack for onset of separation 
effects and an accompanying reduction of separation effects at 
high angles of attack, and a slight positive increment in the 
pitching moments. 

Typical lift, drag and pitching moment data are shown in 
Figure 27 for Mach numbers of .80 and .90. The data merely 
serve to corroborate the statements made above. The major 
effects occur between unit Reynolds numbers of 3.0 and 5.2 
million per foot. 

Comparison data from the 16T tests are shown in Figure 28. 
The effects are qualitatively similar to the 4T data. The non 
linearities obtained upon separation are slightly more severe 
in the 16T at unit Reynolds number of 3.0 million per foot but 
tend to be smoothed out at 5.2 million per foot. 

The rolling moment and yawing moment coefficients were 
only slightly effected by Reynolds number variations over the 
attainable test range, 3.0 million to 6.4 million per foot, 
see Figure 29. Variations in aileron effectiveness were pri 
marily limited to angles of attack near wing stall. Larger 
percentage-wise changes over a wide angle-of-attack range 
were noted in the aileron yaw characteristics. In both in¬ 
stances the major effects again occur in the unit Reynolds 
number range from 3.0 to 5.2 million per foot. 

On the basis of these results we can conclude only that 
scaling effects will not significantly alter the qualitative 
conclusions drawn from comparisons of the different roll 
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control devices. The quantitative results should be used with 
some caution pending further investigation which hopefully will 
be accomplished either during the second phase of this program 
or within that time period in other studies of transonic scaling 
effects. It is probable that data obtained pc unit Reynolds 
number of 5.2 million will provide reasonabls estimates of 

incremental effects. 
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SECTION VI 

SYMMETRICAL CONFIGURATTON EFFECTS 

Considerable data for the LEDE configuration with sym¬ 
metrical deflections of both the leading- and trailing-edge 
devices, including clean-wing data, were obtained during the 
two wind tunnel tests. The principal purpose of these data 
was to provide a means of assessing the characteristics of the 
asymmetrical deflection of the control devices.however, they 
also reveal much useful and significant information about the 
longitudinal characteristics of this configuration. Accord¬ 
ingly, detciled attention is now devoted to analysis of the 
symmetrical configuration results. 

The objectives of this section are: 

1) To verify the test configuration design approach; 

2) To establish the basic longitudinal aerodynamic 
characteristics of the LEDE configuration; and 

3) To present typical results for effects on longitu¬ 
dinal characteristics caused by symmetric configura¬ 
tion test variables. 

In general, the test configuration design approach was 
successful. While we cannot claim to have eliminated shock- 
induced separation effects completely, it is apparent from 
the data that the significant effects have been delayed to 
quite high lift coefficients. The transonic performance charac¬ 
teristics are competitive with current aircraft configurations 
at low lift coefficients and markedly superior at high lift 
coefficients. No significant stability problems are apparent 
from the data. Maximum lift will be set either by the abilit> 
of the horizontal tail to trim out the pitching moment or by 
buf?et intensity since the tail-on lift curves show contincvaly 
increasing lift with angle of attack up to the maximum angles 
of attack tested. 

The effects of leading- and trailing-edge devices are 
qualitatively as expected. The leading-edge devices improve 
the flow over the outer wing panel at high angles of attack 
and provide positive lift increments in that region at sub¬ 
sonic speeds. The trailing-edge devices produce significant lift 
increments at low angles of attack but the effectiveness 
diminishes as angle of attack is increased. 



The vortex generator pattern improved the linearity of the 
lift and pitching moment curves but the effects are small. A 
slight drag reduction was obtained at 0.9 Mach number. 

1. TEST CONFIGURATION VERIFICATION 

Two indicators of the success of the test configuration de¬ 
sign approach are the lift/drag and buffet onset characteristics. 
Figure 30 presents a comparison for 0.9 Mach number between 
measured lift/drag ratio variations with lift coefficients fo 
the LEDE configuration and the F-111A at leading edge sweep of 

45 degrees. The values of L/D up to ^V^riefHcUn" îhe 
for both configurations; however, at high lift co®“;cie^8’ 
LEDE configuration L/D ratio is up to 33 percent higher than 
that of the F-111A. The improvement holds up to a lift coefficien 

°f l*íh¿ buffet onset lift coefficient variation with Mach 
number for the LEDE configuration is presented in ^igvire 31 
along with flight values for several operatiöna! thin wing air 
craft. Definitive buffet data were obtained in the 16T facility 
at a unit Reynolds number of 3.0 million per foot and are re¬ 
presented at Figure 31 by the lower bound of the cross-hatched 
area '"he upper bound was determined from data obtained at 
Reynolds number of 5.2 million per foot. The variations ol 
wing-root-bending moment obtained at the higher Reynolds number 
were somewhat erratic and .:n accurate definition of buffet on¬ 
set was hard to determine. The comparisons with data from 
other aircraft again indicate that the LEDE configuration wing 
design has improved flow characteristics at transonic high li 

conditions. 

2. LEDE CONFIGURATION LONGITUDINAL CHARACTERISTICS 

The lift, drag, and pitching moment characteristics of the 
basic LEDE configuration with the tall are presented in figure 
32 for Mach numbers from 0.7 to 1.2. All data In these figures 
were obtained in the 16T facility at a unit Reynolds number of 
3.0 million per foot and thus represent a conservative baseline 

for evaluating the general characteristics. , «trone 
The data are presented in formats which emphasize tht stro g 

i ifluence of increasing free stream Mach number in suppressing 
[Í» separation effects at high lift coefficients For example, 

Figure 32 shows that from Mach 0.7 to 0.85 the lift curve slope 
at Ct of 1.0 changes only very slightly, but between Mach 0.85 
and 0.9 a transition takes place and the lift c«Tve slope is only 
very slightly reduced from that at lower lift coefficient . y 
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Mach 0.95 the lift curve Is very nearly linear throughout the 
entire angle of attack range tested. Similar behavior is noted 
In the drag polars presented in Figure 32. Again a transition 
in character is apparent between the curves for Mach 0.35 and 
0.9. One interesting feature of this plot is the fact that at 
lift coefficients above 1.05 the lowest untrlimned drag level is 
achieved at Mach 0.95. The pitching moment curves presented in 
Figure 32 indicate how well behaved the configuration is in the 
subsonic regime. There is no indication of pitchup due to flow 
separation on the wing; instead the pitching moment breaks 
stable at lift coefficients above about 0.80. For the super¬ 
sonic conditions, the pitching moment is nearly linear over the 
entire range of lift coefficients. It is interesting to note 
that at high lift conditions the transonic and supersonic data 
exhibit nearly equal stability levels. 

The data from which the buffet characteristics were evaluated 
are presented in Figures 33 and 34 which are plots of wing-root- 
bending moment and axial force as functions of angle of attack. 
In each case, the angle of attack for buffet onset was conserva¬ 
tively selected using the inflection point in the axial force 
curve as the criteria for flow separation. In some instances 
the inflection point occurred prior to any significant rise in 
wing root-bending moment. In other cases a slight rise in the 
buffet moment occurs prior to the inflection point in the axial 
force curves. Previous comparisons of wind-tunnel and flight 
buffet data indicate that the early rise in buffet moment is not 
a valid indication of buffet onset (Reference 22). The slight 
peak which occurs in the buffet moment curve for Mach 0.95 at 
a Reynolds number of 3.0 x 10° is apparently due to wing tip 
separation which is eliminated at the higher Reynolds number. 

Detailed analysis of lift and drag data was performed for 
the LEDE configuration and the results are now presented to 
form a basis for evaluating the effects of other test configura¬ 
tions. 

a. Lift Curve Slope 

The variation of lift curve slope with Mach number deter¬ 
mined near zero lift is shown in Figure 35. Data are shown for 
the complete configuration as obtained in both the 16T and 4T 
facilities. Comparison of these data confirms the point made 
earlier that the measured lift-curve slopes are higher in the 
larger facility. The effect of supercritical flow over the 
wing is evident in the inflections which occur in the 16T data 
variation between Mach 0.8 and 1.0. 

« 
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Figure 34 LEDE CONFIGURATION BUFFET CHARACTERISTICS, 
AXIAL FORCE COEFFICIENT 
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b. Angl« of Zero Lift 

Wing caab«r effect« ere generally modified In the transonic 
flow regime aa la Indicated in the variations of angle of rero 
lift with Mach number shown In Figure 35 . The 16T data for 
the complete configuration shows an Increase In angle of zero lift 
of nearly one degree between Mach 0.8 and 1.2. The 4T data show a 
similar trend but the levels are somewhat higher due to flow inclina¬ 
tion as previously mentioned. 

Angle of zero lift data obtained during the ARO calibration test 
In the 4T facility (PWT-4T TC-045) are presented In Figure 35 . Data 
are presented for the model in both the upright and Inverted positions. 
The data Indicated a flow inclination of approximately 0.3 degrees at 
all Mach numbers. The 16T values fall approximately midway between 
the ARO calibration test data. Accounting for flow inclination makes 
the degree of agreement between data obtained In the two facilities 
quite good. 

c. Minimum Drag Coefficient 

The variation of minimum drag coefficient with Mach number 
shows a very slight drag creep below 0.9 Mach number and then the 
typical drag rise associated with fixed wing aircraft of relati¬ 
vely high aspect ratio. Comp^ison data between the LEDE configura¬ 
tion and the F-111A ( «A ■ 45 ) are presented In Figure 36 for a 
unit Reynolds number of 3.0 million per foot. The F-111A data are 
taken from CAL test G52-253 and are referenced to the LEDE wing area 
to provide a common basis for comparison. The subsonic drag level 
variations with Mach number are very similar up to 0.9 Mach number. 
The drag rise for the LEDE configuration between 0.9 Mach number 
and supersonic speeds is moderate which reflects the fact that the 
configuration was "tailored" using the transonic area rule. 

d. Drag Due to Lift 

The method of analyzing drag due to lift Is based on the 
assumption that over a large range of angles of attack the drag 
polar (Figure 37 ) is parabolic in shape and can be represented 
by an equation of the form: 

where K is the drag-due-to-lift or polar shape factor. 
For a cambered configuration the minimum drag coefficient 

occurs generally at a non-zero value of lift coefficient,^,^. Above 
a critical value of lift coefficient, Cv.c, flow separation occurs and the 
drag values are no longer represented by the value of K applicable 
to the parabolic region. 
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A very effective method of analyzing drag polars uses the 
square-root plot illustrated schematically in Figure 37 . The 
ordinate is the lift coefficient and the abcissa is the square- 
root of the drag-due-to-lift term in the basic equation which 
is equal to ( CD -Cd«,,* ). When a parabolic region exists, 
a straight line can be drawn through the data and the intercept 
on the ordinate axis is the value of lift coefficient at CDr. „ . 
The slope of the straight line i. the inverse square root of 
the drag-due-to-lift factor. The critical lift coefficient 
can be defined as the value at which the measured data deviates 
from the straight line fairing. A more readily determined value 
for. Ci.c is that obtained at the intersection of two straight 
line fairings, one for data in the parabolic region and one 
for data Just above the parabolic region. The latter defini¬ 
tion of <-i.c is used in this report. 

The Mach number variations of ^ (cD„ .„'j , K, and Ctc deter¬ 
mined from square-root plots of the 16T data for unit Reynolds 
number of 3.0 million per foot are presented in Figure 38. 
Values for the lift coefficient for minimum drag show that the 
effective camber of the configuration reaches a peak at about 
0.8 Mach number and then decreases. The reduction is associated 
with the Increase in angle of attack for zero lift with Mach 
number previously shown in Figure 35 . Figure 38 shows that 
the drag-due-to-lift factor increases (by 26 percent) between 
Maeh 0.7 and 1.0 and then dips back down at supersonic speeds. 
The variation shown in Figure 38 is smooth, which indicates that 
no severe adverse effects will be encountered in the transition 
from subsonic to supersonic speeds. Figure 38 shows that CLc 
increases rapidly between Mach 0.85 and 0.90 and again 
illustrates the powerful effect of Mach number in delaying flow 
separation effects at high lift coefficients. 

e. Aerodynamic Center 

The basic LEDE pitching moment characteristics, shown 
previously in Figure 32 , demonstrate the high degree of 
linearity for the complete configuration. The results of 
corresponding tests in PWT 4T, given in Appendix IV, confirm that 
pitching moment linearity is also good without the horizontal 
tail. However, as might be expected, the transonic data, tail 
off, have a gentle break unstable at lift coefficients near 
unity. This undesirable effect is more than offset by the 
increased horizontal tail effectiveness at high angles of attack 
so that the complete configuration exhibits smooth stable changes 
in staoility as lift coefficient is increased. These character¬ 
istics afford a meaningful summary of longitudinal stability 
in terms of aerodynamic center as given below. 
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Aerodynamic center data extracted from wind tunnel measure¬ 
ments are shown in Figure 39. The stability levels shown are 
for the low to moderate lift coefficient ranges. The test 
data for configurations without horizontal tall 
aere^ment with predictions based on the methoo of Reference 5. 
No predictions were made for the configuration with horUontal 

tails since plans were to accomplish almost all of the LEDE 

wind tunnel program tail-off. Data for the 
tion demonstrate good agreement between results obtained in PW1 
4T and PWT 16T. Also, the data from 16T indicate small effe-ts 
due to Reynolds munber. This maximum variation of one percent 
MAC is about the level of accuracy in determining aerodynamic 
center from plotted wind tunnel data. One other item of in¬ 
terest is the marked loss in tail contribution (at low angles 
of attack) near 0.9 Mach number that results in a significant 
forward shift in aerodynamic center for the complete configura 

tion. 

3. I.EADING EDGE FLAP EFFECTS 

In general the leading edge flaps improve the °ver 

the outer wing panel at ”°derate-p°-hl§h a 
angle of attack at which a given flap deflection provides 
positive increment in lift increases with Mach number in the 

subsonic range. The basic reason ’ 
for the thin cambered wing of the LEDE configuration, the 
orimary type of flow separation is a leading-edge separation 
Stooping the leading-edge flaps delays the angle of attack at 

which leading-edge separation °cc“rs- As ^ sup- 
creased, leading-edge separation for the basic wing is sup 
nressed by the transonic attachment phenomenon, and thus is 
delayed until higher angles of attack are attained (see Reference 

23 ^°At^transonlc8speeds'0 (which can be defined as Mach numbers 

above the minimum value for leading-edge attachment) a shock 
system develops on the wing. The thin wing produces relatively 
weak shock waves and thus shock-induced separation occurs only 

over a limited angle of attack and Mach region. Within that 
range of Mach numbers, leading-edge flap deflection at l°w 
angles of attack is detrimental rather than beneficial because 

shock-induced separation occurs., Figure 
Fi pures 40 and 41 illustrate the p>int made above, tigure 

40 is a set of surface oil-flow photographs which are unfortunately 
? Hr oualitv Figure 41 is sketches of the flow patterns which 

depict schematically the major flow phenomena observed in the 
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Figure 40 FLOW VISUALIZATION LEADING EDGE EFFECTS 
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original dat- dime. The test configuration has the left lead¬ 
ing-edge fl set at 10 degrees deflection, the right wing has 
no deflect / 

On th right wing a three-shock pattern is present at an 
angle of attack of 4.39 degrees. The forward shock occurs well 
aft on the wing and apparently all three shocks are relatively 
weak for there is no indication of separated flow. At 6.39 de¬ 
grees angle of attack, the forward shock is more highly swept 
and there is a small region of separated flow where the forward 
shock and rear shock merge to form the outboard shock. The 
flow reattaches almost immediately. At 8.67 degrees angle of 
attack, the flow separates at the leading edge just inboard of 
the tip and an unsteady part-span vortex occurs. The vortex 
flow modifies the shock pattern such that no distinct outboard 
shock can be observed. Finally at 11.84 degrees angle of 
attack, the origin of the part-span vortex has moved inboard 
on the leading-edge. Another forward shock occurs which 
originates Just ahead of the flap hinge-line and sweeps back 
sharply to intersect the previous shock system at about 50 
percent of the exposed span. A region of separated flow exists 
just outboard of the shock intersection. This separated flow 
Interacts strongly with the part span vortex. 

The flow patterns on the left wing are different from 
those on the right wing. At 4.39 degrees angle of attack, 
a forward shock originates from the hinge line at the inboard 
end of the leading-edge flap. This forward shock is caused by 
the very rapid expansion over the highly curved surface at the 
hinge line , The near shock occurs farther forward on the left 
wing than on the right wing and is apparently stronger for a 
well defined region of separated flow occurs over the two middle 
control surface segments. At 6.4 degrees angle of attack, the 
separation moves forward and its front is altered in shape by 
a secondary shock wave. The flow apparently reattaches on the 
control surfaces. At 8.4 degrees angle of attack, the separation 
front is highly curved and has expanded spanwise. There is 
no indication of leading edge separation. Finally at 11.84 
degrees angle of attack, the shock-induced separation front has 
moved forward still further and again there is no indication 
of flow separation from the leading edge near the tip. However, 
a part-span vortex streans back from the leading-edge near 
midspan. This vortex apparently has its origin at the inboard 
leading-edge of the flap. 

From the above discussions one can infer that the use of 
leading edge flap deflection to prevent or delay the onset of 
flow separation effects (e.g. buffet onset) would require com¬ 
plex programming of flap deflection with angle of attack and 
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Mach number. Such use would not appear co be practical In 
application. A more realistic and practical use of leading- 
edge flaps would employ a simple two-position control such 
that zero deflection would be used bulow about seven or eight 
degrees angle of attack and a selected deflection for higher 
angles of attack. In this design concept the flaps are used 
primarily to reduce the severity of separation effects (for 
example the drag increase at high lift coefficients) and thus 
enhance transonic maneuvering. The test results and discussions 
thereof presented in the following subsections support the 
simple two-positions design concept. 

a. Test Results for Basic Leading Edge 

The effects of symmetrical leading edge flap deflection 
on the lift and drag characteristics of the LEDE test configura¬ 
tion with and without the horizontal tail are illustrated by 
Figures 42 and 43, respectively. These figures present com¬ 
parisons of the drag polars at 0.9 Mach number for each lead¬ 
ing edge deflection. Data for the additional Mach numbers tested 
are presented in Appendix IV. These drag polars show that the 
leading-edge flaps improve the drag levels at high lift coefficients 
for subsonic speeds. 

An analysis of drag-due-to-lift data from the 4-foot tunnel 
was performed by the square-root plot method. The results of 
the analysis for the various leading-edge flap deflections are 
sunmarized in Figures 44 thru 46 where the drag-due-to-lift 
parameters, CUc , K, and CL(Comw) are plotted against Mach 
number for constant flap deflections. These analysis curves 
provide evidence that the leading-edge flaps are efficient in 
reducing upper surface separation. It is noted from Figure 44 
that the lift coefficient at which the drag-due-to-lift becomes 
non-parabolic, Ci* , increases with increasing flap deflection 
at all Mach numbers. Furthermore, leading edge flap deflection 
causes an increase in the lift coefficient for minimum drag, 
but at the same time increases the drag-due-to-lift factor at 
all Mach numbers. The overall effect of these factors is bene¬ 
ficial high lift coefficients as illustrated by the improve¬ 
ment in the drag polars at high angles of attack. However, as 
Mach number increasei, the beneficial effects of deflecting the 
leading edge are delayed to higher lift coefficients, and the 
lift and drag penalties incurred at low angles of attack in¬ 
crease markedly. For example, the large deflection angles of 
10 and 15 degrees improve the drag polars considerably at 0.7 
Mach number, but at 1.2 Mach number even the 5-degree deflection 
does not offer any improvement in the drag levels until values 
of Cl are greater than 1.0. The increases in minimum drag due 
to leading-edge flap deflection are shown in Figure 47. 
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Comparison of the drag-due-to-lift parameters, for the 
tail-off and tail-on cases, Figures 44 thru 46, show that these 
curves are generally similar but that there are noticable 
differences in the trends with Mach number, and in the values 
themselves. The polar shape factor is improved by addition of 
the horizontal tail at all flap deflections tested at each 
Mach number, the lift coefficient for minimum drag generally 
decreases, and the critical lift coefficient is increased some¬ 

what. 
The variation in the increments for lift, drag and pitch¬ 

ing moment due to leading edge flap deflection with angle of 
attack are presented ir. Figures 48 and 49 for 0.9 Mach number 
for both the tail-off and the tail-on cases. The increments 
for the 10-degree deflection are summarized in Figures 50 and 

5! to illustrate the effects of Mach number. 
The data in Figures 48 and 49 show three typical effects. 

First, as leading-edge flap deflection is increased, the angles 
of attack for obtaining reduced drag and increased lift both 
increase. Second, the drag reduction is obtained at a lower 
angle of attack than is an increase in lift. The net effect 
on the drag polars is such that overall drag reduction occurs 
at relatively high lift coefficients. Third, the lift incre¬ 
ments due to flap deflection are somewhat more positive with 
tail-on than with tail-off which indicates favorable wing/ 
horizontal-tail interference with respect to lift. 

Figures 50 and 51 show, for a given flap deflection, 
that the angles of attack fe*- lift increase and those for drag 
reduction increase with Mach number, but again are different in 
value, drag reduction occuring at smaller angles. In the high 
lift region, the amount of additional lift obtained with a 
given flap deflection decreases with Mach number. 

The variations of the incremental drag with angle of 
attack, Figures 50 and 51 and Appendix IV, show that all lead¬ 
ing-edge flap deflections produce reductions in drag at moderate 
to-high angles óf attack for all Mach numbers. Both the drag 
penalties incurred at low angles of attack and the drag savings 
gained at high angles of attack are appreciable increments. 
The maximum values of these increments may be as much as +.0300 
and -.0400, respectively, depending on the flap deflection and 

Mach number. 
The tail-on and tail-off incremental drag curves are very 

similar, indicating that adding the horizontal tail does not 
appreciably affect the drag increment due to leading edge flap 

deflection. 
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Figure 50 VARIATION OF LEADING EDGE FLAP INCREMENTS WITH MACH NUMBER. 
HORIZONTAL TAIL ON 
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The variation of the incremental pitching moment due to 
leading edge flap deflection, Figures 50, 51, and Appendix IV 
show that the trim changes required due to leading-edge flap 
deflection are not significantly large, with the greatest 
differences occuring at higher angles of attack. Note that 
these increments are plotted to a large scale to show the 
small effects of configuration changes. Variations in stability 
levels for the various configurations should be evaluated using 

the basic C„ versus w'l plots of Appendix IV. 

b. Comparison of Test Results with Predictions 

The lift and drag characteristics of the LEDE configuration 
were estimated at Mach numbers of 0.7, 0.9 and 1.2 for each 
leading-edge flap deflection prior to testing. The predictions 
were made for the wing-body configuration since it was ori¬ 
ginally planned to test without a horizontal tail. The pre¬ 
dicted lift curves and drag polars are compared with the 
measured test data from the 4T facility at Mach 0,9 and 1.2 in 

Figures 52 and 53. , , . 
A comparison between the lift-curve slope measured in the 

4T facility and the predicted lift-curve slope is shown in Figure 
54. Two different methods of predicting the lift curve slope 
were used. They are the double-delta method and the cranked- 
wing method taken from Reference 5. The prediction methods were 
empirically derived from data primarily for simple wing-body 
combinations. Apparently the very complex wing geometry of the 
LEDE configuration enhances the lift curve slope in the subsonic 
Mach number regime. The cranked wing method provides the better 
of the two sets of predictions but still underestimates the 
measured values by about 10 percent at subsonic speeds. The 
lift curves shown in Figure 52 are based on the double-delta 

method. 
An analysis of the wind tunnel test data previously men¬ 

tioned was used to account for effects of: wing camber, inci¬ 
dence, flow separation, and leading edge flap effects. These 
incremental effects agree fairly well except at high lift coeffi¬ 
cients and at low Mach nnnbers where separation was predicted 

too early. „. , 
Pretest predictions of the angle of zero lift are presented 

in Figure 54. These estimates are not good, which reflects 
the difficulty of predicting this particular characteristic on 
the basis of data for a different configuration. 

Estimated drag polars were obtained by combining minimun 
drag and drag-due-to-lift predictions. The minimum drag levels 
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were obtained by a buildup of friction, form, wave, compressi¬ 
bility and drag rise, and camber drag increments. These pre¬ 
dictions were made using standard General Dynamics techniques 
described in Reference 24. The drag due to lift predictions 
were based on semi-empirical methods derived from correlations 
of wind tunnel and flight test data recently developed at the 
Fort Worth Division. These predictions were also modified to 
account for the effects of flow separation and leading edge 
flap deflection by adding increments determined from analysis 
of previous test results. 

The predicted and measured variations of the minimum drag 
coefficient with Mach number for the model without the horizontal 
tails are compared in Figure 55. It is observed that the sub¬ 
sonic predictions agree fair?y well with the data, but that 
the supersonic prediction was considerably off. Several factors 
centainly influenced the agreement of the two curves. First, 
the model was tested at a Reynolds number of 5.2 million per 
foot and with the vertical tail, but predictions were made for 
the wing-body only at a Reynolds number of 6.5 million per 
foot. Further, the predicted values contain no attempt to 
account for the drag penalties associated with the inlet flow 
field. Finally, the wave drag predictions were made for a non¬ 
lifting condition, which is not the case. 

The estimated increase in minimum drag for the various 
leading edge flap deflections is compared with test data from 
FWT 4T in Figure 56. Good agreement is obtained only for the 
smallest flap deflection at the low subsonic Mach numbers. In 
general the test drag increments are lower than the predicted 
values. 

The comparisons of predicted drag polars with 4T test data 
in Figure 53 show that at subsonic speeds the predictions were 
optimistic at high lift coefficients. Considering the differences 
between the 4T and 16T drag polar data for the complete con¬ 
figuration, the predictions are probably better than the com¬ 
parisons with the 4T data indicate. At supersonic speed, the 
agreement between prediction and test is reasonably good at high 
lift coefficiénts, but is poor at low lift coefficients for the 
configuration with zero flap deflection. 

In summary, significant improvement in prediction techniques 
is needed to adequately estimate the effects of leading-edge 
flaps on the aerodynamic characteristics of a specific con¬ 
figuration at transonic and supersonic speeds. 

4. ALTERNATE LEADING EDGE 

Typical effects of the alternate leading edge airfoil 
geometry are presented in Figures 57 and 58. These Figures 
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Figure 55 COMPARISON OF PREDICTED AND MEASURED 
MODEL MINIMUM DRAG LEVELS 
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Figure 56 COMPARISON OF PREDICTED AND MEASURED MINIMUM DRAG INCREMENTS 
DUE TO LEADING EDGE FLAP DEFLECTION 



Figure 57 EFFECT OF ALTERNATE LEADING EDGE, 0Le=0° 

t. 
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Figure 58 EFFECT OF ALTERNATE LEADING EDGE, “ 10° 
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•how the incremental lift, drag, and pitching moment differences 
between the modified wing section (K2) and the basic wing (Kl) 
airfoil section as a function of angle of attack for 0 to 10- 
degrees leading edge deflections. 

The intent of the alternate leading edge design was to ob¬ 
tain the favorable effects of a "peaky" airfoil at low angles 
of attack with no flap deflection and at high angles of attack 
with flap deflection. However, as can be seen from Figures 57 
and 58, the larger leading edge radius and slightly reduced 
camber of the modified wing section did not improve the flou 
conditions over the wing as desired. Specifically, at low 
angles of attack the alternate leading edge has a negligible 
effect on all three increments for all Mach numbers tested for 
both the deflected and clean leading edges. 

At hign ingles of attack the K2 leading edges generate a 
slight increase in incremental lift force but also produce a 
definite increase in incremental drag for both the deflected and 
undeflected cases. Whereas these lift and drag variations 
effectively cancel each other at low angles of attack, at angles 
of attack beginning at approximatly 6 to 8 degrees they do not. 
The net result is a slight but noticeable degradation of the 
drag polars. One deviation from this behavior is the Mach 0.9, 
clean-leading-edge data. For this case the lift increment 
rises rapidly above 2 degrees angle of attack creating an 
improvement in the drag polar. However, this improvement is not 
maintained as the added lift falis off rapidly at about 8 de¬ 
grees angle of attack and does not compensate for the increased 
drag. 

An important exception to this pattern is the Mach 1.2 
case. Here, the lift and drag increments are relatively small 
and appear to cancel each other so that the drag polar remains 
unchanged for the K2 leading edge. 

It is encouraging, however, that while the hoped-for lift 
and drag improvements were not realized with the alternate 
leading edge, the efficient characteristics of the basic wing 
were not significantly altered. This is particularly significant 
at 1.2 Mach number where the drag levels were not increased by 
the more blunt leading edge. 

5. AUXILIARY DEVICES 

Three types of auxiliary devices were tested during the 
4T entries consisting of the vortex generator pattern, the 
drooped trailing edge and the split flaps. Typical results for 
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these devices as they affect the longitudinal characteristics 
are presented in this subsection; additional comparison data 
are presented in Appendix IV. 

a. Vortex Generators 

The design goal for the vortex generator pattern was to 
alleviate shock-induced separation effects at moderate-to-high 
angles of attack. Data was obtained with and without vortex 
generators on the LEDE configuration with 5-degree leading 
edge flap deflection at Mach numbers of 0.7, 0.8, 0.9 and 1.2. 
Only the 0.9 Mach number data show any benefits from the vortex 
generators. Direct comparisons between the data for the con¬ 
figurations with and without the generators are not advisable 
because one configuration was run during the first entry and 
the other during the second entry into the 4T. As a conse¬ 
quence incremental effects have been determined using the 
"clean wing" runs for each entry to obtain a conmon baseline. 
Thus, the net effects of the vortex generators have been ob¬ 
tained. Variations in the net increments for lift, drag and 
pitching moment with angle of attack are presented in Figure 
59. The results show modest increases in lift coefficient in 
the region from 4 to 12 degrees angle of attack. A slight re¬ 
duction in drag coefficients occurs at angles of attack from 
zero to about 11 degrees which reaches a maximum ¿Cp of -0.003 
at 9 degrees. The pitching moment increments show that the 
vortex generators tend to maintain the basic stability level to 
higher angles of attack. These results are not completeîy 
definitive; however, in conjunction with the rolling moment 
results presented in the next section, they do indicate that 
the vortex generators reduce shock-induced separation effects 
over a limited angle of attack range. In retrospect, it would 
probably have been better to use the vortex generators with 
zero degrees leading edge deflection, and to test also at Mach 
0.85 where shock induced effects may be more pronounced with 
the LEDE configuration. 

b. Drooped Trailing Edge 

The effects of 10-degrees full-span trailing edge flap 
deflection (drooped trailing edge) on the aerodynamic character¬ 
istics of the LEDE configuration are summarized in Figure 60 
for each Mach number tested. These data show that the trailing 
edge flaps were very effective at producing additional lift at 
all angles of attack investigated at each Marh number. The 
maximum effectiveness occurred at low angles of attack and Mach 
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numbers. As speed and angle of attack Increased the additional 
lift decreased, but remained significant beyond 20 degrees anale 
of attack. * 

Figure 60 also shows that the drooped trailing edge pro¬ 
duces a positive drag increment at low angles of attack which 
increases almost linearly to high angles of attack. The 
variation of incremental drag also appears to be essentially 
constant for all Mach numbers. The combination of these lift 
and drag increments at a particular angle of attack produce a 
net improvement in the drag polar at high lift coefficients. 

This conclusion is further supported by the results of 
a square-root plot analysis of the drag due to lift, which are 
summarized in Figure 61. These curves show that trailing edge 
flaps are beneficial in improving the high-lift performance of 
the wing in that they increase the critical lift coefficient 
and the lift coefficient for minimum drag at each Mach number, 
however the polar shape is adversely affected. The overall effect 
of these factors is again a slight improvement in the drag polar 
in the high-lift region. However, the effectiveness of these 
flaps decreases with increasing Mach number. 

The incremental pitching moment curves show that the drooped 
trailing edge results in a significant positive shift in pitch¬ 
ing moment at subsonic Mach numbers. This effect decreases with 
Mach number, however, and is relatively small at 1.2 Mach number. 

c. Split Trailing Edge Flaps 

The effects of adding the two split trailing edge flaps 
F2 and F3 to the wing trailing edge in the midspan position 
(segments 2 and 3) are very similar to those of the drooped 
trailing edge described previously. It is observed that the 
drag levels for the F2 flaps are lower at low lift coefficients 
than those for the F3 split flap, which are lower at high-lift 
conditions, except at 0.9 Mach number where the F2 flap demon¬ 
strates better overall drag performance. However, differences 
between the two split flaps at high-lift conditions are re¬ 
latively small. 

Incremental variations of the lift, drag and pitching 
moment with angle of attack for both split flaps are compared 
in Figure 62 for 0.9 Mach number. These comparisons are typical 
of the effects of the split flaps at transonic speeds, and as 
mentioned show the same trends as the drooped trailing edge. 
It is observed that split flap F2 produces almost as much lift 
as F3 for all subsonic Mach numbers, and the more blunt flap, 
(F3), shows the highest incremental drag values. The similarity 
of characteristics for the three trailing edge flaps tested 
indicates that the effects are typical of trailing edge devices. 
The data obtained in this program is not sufficient to permit 
a clear decision to be made among the different flaps in terms 
of overall efficiency. 

« 
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SECTION VII 

ROLL CONTROL DEVICES 

The basic characteristics of the various roll control de¬ 
vices are presented in the several sub-sections below. In 
each caîe, the force and moment data art given as increments 
from the corresponding symmetrical configuration. It should 
be noted that only representative data plots are included in 
this section, because of the volume of data involved. The 
reader is referred to Appendix V for a complete presentation 
of this material. In the last subsection, the coordination 
characteristics of the promising control devices are considered 
in terms of the yawing moment - rolling moment ratio and nominal 
values of the roll numerator to dutch roll frequency ratio, 

. 

1. DIFFERENTIAL LEADING EDGE FLAPS 

The use of differential lending edge deflection alone 
was generally found to be insufficient for primary roll 
control over any large angle of attack range at transonic 
speeds, see Figure 63. The data for 0.8 Mach number are typical 
of results for free stream conditions less than sonic. At low 
and moderate angles of attack, the wing with leading edge do'm 
deflection (left wing always) exhibits a small loss in lift 
and attendant small negative rolling moment. This additional 
camber significantly delays leading-edge separation (starting on 
the clean wing at about eight degrees angle of attack) resulting 
in modest positive rolling moments at the higher attitudes, addi¬ 
tional comment and illustration of these effects may be found in 
subsection VI 3. Slight favorable yaw is also evident for this 
condition. However, the maximum attainable rolling moment is 
much less than the amount required for modem fighter aircraft. 
A direct correlation between longitudinal force and lateral 
moments is evident in the data; rolling moments follow the lift 
trends while yawing moments are associated with drag effects of 
leading edge deflection. This correspondance of lift increments 
for differential leading edge deflection is illustrated in Figure 
64. Note the presence of aileron deflection does not change 
the basic trends. 
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ALPHA-DEGREES 

SYM TEST INCREMENT L.E. (L/R) 

0 
□ 
A 

PWT 4T TC-043 
PMT 4T TC-043 
PMT 4T TC-043 
PWT 4T TC-043 

PN 455 - PN 440 
PN 434 - PN 440 
PN 186 - PN 267 
PN 254 - PN 267 

Figure 63a DIFFERENTIAL L.E. FLAP EFFECTS 
M - 0.8 
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K1 5/0 
K1 10/0 
K1 15/0 
K1 10/5 



SYM TEST 
INCREMENT L.E. (L/R) 

0 
□ 
A 

PUT 4T TC-043 

PUT 4T TC-043 

PUT 4T TC-043 

PUT 4T TC-043 

PN 455 - PN 440 
PN 434 - PN 440 

PN 186 - PN 267 

PN 254 - PN 267 

Kl 5/0 
K1 10/0 
Kl 15/0 

Ki 10/5 

Figure 63* DIFFERENTIAL L.E. FLAP EFFECTS 
^ M » 0.8 

149 



. 02 

. 01 

. 0 

-.01 

-. o? 

Svv tES’ \Z*z ' 

O 4“ 
0 PwT 4^ 
A o*T 4T 
■ PWT 4 T 

TC • 043 p\ 
TC 043 p\ 
TC 043 °N 
re 043 p\ 

4b6 p\ ?G9 
43b 3N ?69 
.88 °N ?69 
?b8 3N ?69 

*<: b C 
*: :c o 

:b o 
i c/b 

p:GC9F 63b T1 - s?«- \ * . t- *3 f tcFC‘S 

150 

« 





o.n 

acl 

-O.l 

Laadlng Edga 10/10 
Bas« Lint - Clasn Wing 

ANGLE OF ATTACK • Degraes 

áCt 

Leading Edga 10/0 
Basa Lina • Mid Ailarons ± 20 

AC. 0 

-.01 

...16- 

y ANGLE OF ATTACK - Degrees 

20 

LEGEM) 
0.7 Mach 

- 0.8 Mach 
_ » « 0.9 Mach 
_ 1.2 Mach 

Figure 64 COMPARISON OF LEADING EDGE FLAP EFFECTS 

HORIZONTAL TAIL ON 

152 



For condition. ?^ 

^dííríii.Tn'üfí wîïh“o.i*^ SfUctlin 1. the .!£«- 

^tr^r^-onIL;%r£nrui£^^- 

Che gradua Inchangé s with luper.Llc 

edge flaps may be une ful as a P 8Wept wing planforms. On 

theeo’th£ hand^8rapld°reversal8 In the sign of the rolling ^ 
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effect ilmits the usefulness of differential leading edge flaps 
rí ; «sKlcîed angle of attack range at transonic speeds. For 
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of attack. 

2. AILERONS 

a. Basic Geometric Effects 

Several different factors . 
of ailerons for control at transonic highllftconditl«* 9urface 

fundamental haÎÏ^g“ given moment area with 
planform, more outboard surfaces naving ® , d h strength 

significantly less surface J^^/^cûre flot separ!- 
of shock waves and general tendenclesfp oosltions. Another 

arp ere a ter for mid to outboard spanwise positions. 
factorris^the^vertical location of^the^horizontal^tail^^If^the 

s:Ä)p:r.nitfc f ^ rÄau, 

8eClOUt aenerat'ef feet s^6^3 at temp t'was madeto have exactly 

.•^rS if'fectiv.-.. fot theesedvedral 

“‘«gnlt^t in^effectiveness Key geometric parameters for these 

surfaces are tabulated below. 
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AILERON Sf/Sy, SfJ/S^b 

Inboard .0735 
Mid-Span .0624 
Outboard .0415 
3 Segment .0779 

.0164 

.0190 

.0163 

.0260 

The comparison of effectiveness for the three basic spanwise 
positions shown in Figure 65 indicates that for small deflections 
at 0.9 Mach number the inboard and mid-span ailerons have about 
equal effectiveness, horizontal tail off. However, it will sub¬ 
sequently be shown that the inboard aileron has large interfer¬ 
ence losses due to the horizontal tail, hence only limited testing 
was accomplished with this aileron configuration. For the larger 
deflections, horizontal tail on, the mid-span aileron is slightly 
better than the outboard aileron, see Figure 66, since signifi¬ 
cant horizontal tail interference occurs with a mid span location. 
The general effects of various aileron geometries are indicated 
in Figure67 in terms of the aileron control derivative, C]c, for 
low angles of attack. Pre-test predictions based upon the DSAF 
DATCOM, Reference 12, (corresponding to measurements horizontal 
tail off) are also included on each plot. The horizontal tail 
interference is very evident for the inboard aileron data. 
The mid-span aileron was less effective than predicted in the 
transonic region and also experienced significant interference 
loses. The combination of these effects results in control 
effectiveness of only two thirds the predicted level. The out¬ 
board aileron experienced no interference loses, as might be 
expected, however here again the transonic control effectiveness 
is less than predicted. 

Although the extended span aileron (mid ailerons plus tip 
segment) is the most effective device, the control power is much 
less than predicted. Comparisons between mid and extended span 
aileron data indicate the most outboard aileron segment contri¬ 
butes only -.0005 to Cj&a over the Mach range, about one half 
the estimate for Mach numbers of 0.7 to 0.9. This is attributed 
to a local reduction in wing loading caused by the increased 
local leading edge sweep of the curved tip. 
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StM TEST 

O PWT 4T TC-043 
O PWT 4T TC-043 
A PWT 4T TC-043 

INCREMENT l.E. 

PN 112 -PN 47 K1 
PN 108 -PN 47 K1 
PN 104 -PN 47 K1 

(L/R) AILERON (L/R) 

10/10 INBO 10/-10 
10/10 MIO 10/-10 
10/10 OUTBO 10/-10 

FIGURE 65 AILERON SPANWISE POSITION EFFECTS 
HORIZONTAL TAIL OFF M ■ 0.9 
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Sri rest 
O PWT 1ST tf-216 
□ PWT 1ST tF-216 

INCREMENT c.E 

PN 12 -PN 50 «! 
PN 04 -PN 50 «1 

C./P3 4:.íP0\ t./P) 

o/o ^:o 20/*20 
0/0 Ou'3D 20/-20 

PIGUPE 66a AILERON SPANWISE POSITION EFFECTS 
HORIZONTAL TAIL ON M » 0.8 
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The degree to which measured values of control effective¬ 
ness agree with predictions at transonic speeds provides some 
general knowledge of how the flow conditions vary with span- 
wise position. In general, these predictions are only Intended 
to be valid for the subsonic range up to a Mach number of about 
0.7 to 0.8. It Is therefore expected that losses in control 
effectiveness associated with shock Induced separation ahead of 
the aileron surfaces would be one major contribution to discre¬ 
pancies between predicted and measured effectiveness. The good 
agreement for the inboard aileron illustrates that the high swept 
glove and smooth leading edge transition to the lower sweep angle 
outboard were quite successful in minimizing forward and aft 
shock waves on the inboard wing portions. This was also con¬ 
firmed by oil flow visualization. 

Photographs of oil flow patterns obtained with 20 degrees 
differential deflection of the mid-span ailerons at 0.9 Mach 
number are presented in Figure 68. However much of the flow 
detail discernible in the original motion pictures was lost in 
the still prints. Thus, sketches derived from observation 
of the original films are given in Figure 69 to illustrate key 
effects. The most significant fact to be drawn from the flow 
patterns is that the controlling geometric item is different 
depending on whether the trailing edge is deflected up or down. 
Comparison of Figure 69 with Figure 41 reveals that for trailing- 
edge down deflections (left wing), the shock wave and/or separa¬ 
tion patterns ahead of the hinge line are determined by the 
leading edge geometry and deflection. For the surface with up- 
deflected aileron, the trailing edge deflection is the controlling 
geometric variable. Note that the strong adverse pressure 
gradient and forward shock wave causes separation well forward 
of the hinge line with an imbedded secondary flow region analogous 
to that for a two-dimensional compression corner. 

The sketch in Figure 69a illustrates the flow patterns at 
low angles of attack. On the left wing, weak shock waves occur 
ahead of the down deflected aileron in a pattern identical to 
that for the clean wing. The forward and aft shocks combine 
outboard of the aileron to form the outboard shock. No flow 
separation is evident on the left wing. However on the right 
wing with trailing-edge up aileron deflection, the pattern is 
quite different. The forward shock is more highly swept and 
terminates in a large separated region ahead of the up-deflected 
aileron. Also, a moderately swept secondary shock is present 

* 
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Figure 68 FLOW VISUALIZATION MID AILERON 20/-20 
Kl L.E. 0/0, MACH - 0.9 
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b«ïnnïd^nStead 0f ? rear 8hock- ^ °^oard shock exists 

wird thaï6forPthreí *** 1S l0Cated sliKhtly m°re for- 
rllfnn I ï T Win8‘ Note that the large separated 
minie r8 n°Î eXten aft °nt0 the control surface bit ter¬ 
minates approximately along the hinge line. 

Pattern& for 6.5 degrees angle of attack are 

1' er mil Íf FtfUrf 6i9h’ N° Change frora -he Pattern rt the 
Tu angie of attack is evident for the left wing. For the 

right wing (with trailing-edge-up aileron) both th¡ forward 
and secondary shocks are noticeably more forward. However the 

ÂVSïï “■ “ ""•> ■“»» 
and separation is now evident between the shock and the down- 
deflected control. Because of the angle of view, no specific 
statement can be made concerning flow conditions on this con- 
trol surface An unstable part span-vortex is evident lust 

sIIIIIm05 íhe.Í?ft WÍng tÍP’ corre8Ponding to leading edge 
separation in this region. Little change is evident in the 

IuZa rir °n^ right Wing afthough the separated region 
ahead of the up-deflected control has grown toward the lead¬ 
ing edge. 

at portions1of ^oth wings have leading edge separation 

If ihp\IeHree\r8le °f attack as evidenced by motion pictures 
of the shed vortices and wing wake. This leading-edge separa- 

tion predominates outboard near the unstable part span vortices 
indicated in Figure 69d. Because of this separation, the shock 

PItt:Irnf aie rather indefinite. However the major separation 
ahead of the up-deflected control remains quite distinct. Note 
also that separation i.« now evident on the inboard portion of 
the control surface. 

In summary, several basic relationships are evident from 
the oil flow patterns reviewed above. For surfaces with down- 

trailinf edges> leading edge camber and deflection 

ra!j0r/f ?Ct °n the Shock Pattern- The leading-edge 
eflection to minimize shock-induced separation at low-to- 

moderate angles of attack is noticeably less than that to delay 

leading-edge separation at the high angles of attack. Note 
also that a favorable positioning of the forward and aft 
shocks exists for the moderate aspect ratio curved-lead- 
ing-edge planform such that a strong outboard shock exists 
only in the wing tip region. This is particularly help¬ 
ful in improving control effectiveness for mid-span and 
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inboard ailerons. For up-deflected trailing edge controls, the 
control deflection has a major effect on both the shock pattern 
and the separated region ahead of the control hinge line. In 
this case, the relationship between shock patterns and separated 
regions is not as direct as for conventional shock-induced 
separation. The angle of attack and surface deflection effects 
on pressure distributions contribute to the size and shape of 
the separated regions to an extent comparable to that due to 
shock positions and strengths. 

The effect of spanwise location of the aileron on inter¬ 
ference loss is given in Figure 70. The data, given in the 
form of tail on minus tail off force and moment increments 
illustrates the large losses for the inboard location. These 
differences are quite startling, particularly in view of the 
fact that lift, drag, and pitching moment increments are essen¬ 
tially identical for the two locations. Corresponding moment 
increments are given in Figure 71 to show how the interference 
increases with surface deflection. Note the marked change with 
angle of attack associated with the variation in proximity of 
the wing wake to the horizontal tail. 

b. Symmetrical Leading Edge Deflection 

The use of leading edge deflection to increase wing 
camber was not generally beneficial to aileron control power. 
Figure 72 illustrates the loss in control effectiveness experi¬ 
enced at low and moderate angles of attack with deflected leading 
edges. Note however that a small increase in effectiveness does 
occur for angles of attack near wing stall. No significant 
differences in aileron characteristics were noted between the K1 
and K2 leading edge geometries. Overall, it appears that the 
basic airfoil section selected for LEDE provides nearly optimum 
camber, at least for aileron effectiveness considerations. 

The test philosophy used to arrive at the leading edge 
configuration for initial tests of aileron effectiveness is 
reviewed at this point to provide some guidance for future 
wind tunnel research programs in this respect. The plan of 
attack was to first evaluate longitudinal characteristics of 
various symmetrical leading edge arrangements, horizontal tail 
off, with no roll control devices (clean trailing edge). Based 
on this data, a leading edge configuration was chosen that 
would minimize and delay separation in order to obtain the best 
control effectiveness at high angles of attack. This rationale 
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s™ TEST INCREMENT L.E. (I/Rj AILERON CL/R) 

O PWT 4T TC-043 PN 119 -PN 112 Kl 10/10 INOO 10/-10 

O P«T 4T TC-043 PN 133 -PN 108 «1 10/10 MIO 10/-10 

FIGURE 70 HORIZONTAL TAIL INTERFERENCE. RN • 3.2 MILLION 
SMALL AILERON DEFLECTION M * 0.9 
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SYM TEST 

© P«T 4T TC-043 

O PWT 4T TC-043 

incpemeni L.E 

PN US -PN 112 K1 

PN 133 -PN 108 Ki 

(L/R) AILERON Cl/R) 

10/10 IN90 10/-10 

10/10 MID 10/-10 

FIGURE 70 HORIZONTAL TAIL INTERFERENCE. 
SMALL AILERON DEFECT ION I M ■ 

RN • 5.2 MILLION 
O.S 
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P¥T 4T TC-043 PN 119 -PN 112 

D P¥T 4T TC-043 f*N 133 -PN 108 

FIGURE 70 

INCREMENT L.E. CL/R) AILERON ÍL/R) 

K1 10/10 IN0O 10/-10 

«1 10/10 «IQ 10/-10 

HORIZONTAL tail INTERFERENCE. *N * 5.2 MILLION 
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ALPHA-DEGREES 

SY« TEST INCREMENT L.E. CL/RJ AILERON (L/RÎ 

O PWT 4T TC-043 PN 283 -PN501 K1 0/0 MIO 20/-20 

riOURE 71 HORIZONTAL TAIL INTERFERENCE. RN » 3.0 MILLION 
LARGE AILERON DEFLECTION M = 0.9 



led to the selection of the basic leading edge geometry with 
ten desees symmetrical deflection (K1 10/10). The Initial test 
of the various ailerons were accomplished with this leading edge 
arrangement. However, subsequent checks of aileron effective* 
ness with smaller leading edge deflections revealed the In* 
adequacy of this test philosophy. 

The location of the outboard shock on the wing with down 
deflected aileron was found to be primarily determined by lead¬ 
ing edge geometry. The most aft shock position occurred for the 
undeflected leading edge. Thus, while symmetrical leading edge 
deflection yielded improve*._nts in longitudinal characteristics 
at high angles of attack, little or no gain was experienced In 
control effectiveness since It Is more strongly dependant on the 
location and strength of the shocks and any attendant separation 
ahead of the down aileron. For wings with up deflected trailing 
edge surfaces, the general effects are quite different. In 
this case the strong adverse pressure gradient due to the trail¬ 
ing edge deflection produces a shock and separation pattern 
unique to this configuration, with effects due to leading edge 
deflection being of a secondary nature. 

c. Linearity with Deflection 

Typical plots illustrating the effects of aileron deflec¬ 
tion magnitude are presented In Figure 73. Anal> jis was per¬ 
formed with basic increments like these to better define the de¬ 
flection effects. Additional plots to illustrate aileron 
linearity were made in an unconventional manner to emphasize the 
effects of angle of attack. The rolling moment due to 10 de¬ 
grees aileron was subtracted from the rolling moment with 20 
degrees aileron to obtain the additional moment produced by in¬ 
creasing aileron deflection from 10 to 20 degrees. The rolling 
moment for 20 degrees aileron is thus the sum of the two curves 
shown in Figure 74 for the mid-aileron configuration. Note that 
the larger deflections are nearly as effective as the smaller 
deflections except at angles of attack near wing stall, indicat¬ 
ing aileron deflections greater than 20 degrees could be utilized. 
For Mach numbers of 0.9 and 1.2 the larger deflections are 
actually more effective at low angles of attack. 

Additional comparisons were made at 0.9 M to understand the 
reason for the severe loss in effectiveness with angle of attack 
at the higher control deflection. The available mid-aileron 
effectiveness data, horizontal tail off, was put in the form 
used above for the configurations with horizontal tail, see 
Figure 75. However since the 10 degree aileron data was for 5 

« 
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ALPHA-DEGREES 

SYM TEST INCREMENT L.E. IL/R) AILERON ÍL/R3 

□ PVT 4T TC-043 

A PWT 4T TC-043 

O PVT 4T TC-043 

PN 213 - PN 264 

PN 2S1 - PN 445 

?N 140 - PN 126 

K1 0/0 

K1 5/3 
K1 10/10 

mo 20/-20 
Mio 20/-20 
MIO 20/-20 

El SURE 72 SYMMETRICAL L.E. EEEECTS on mid ailerons 
M « O.S 
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01 

ALPHA-DEGREES 

Sr« TEST INCREMENT l.E. (L/R) AILERON (l/Rl 

O PKT 4T TC-043 PN 476 -PN 440 K1 0/0 
O PWT 4T TC-043 PN 411 -PN 440 K1 0/0 

MIO 10/-10 
MID 20/-20 

FIGURE ’l.i LINEARITY Qf AILERON KITH QEELECTION 
M = 0.8 
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8 12 16 

ALPHA-DEGREES 

SYM TEST 

© PWT 4T TC-043 
□ PWT 4T TC-043 

INCREMENT 

PN 477 -PN 269 
PN 414 -PN 269 

L.E. (L/R) 

K1 
K1 

0/0 
0/0 

AILERON tl/R) 

MIO 10/-10 
MIO 20/-20 

FIGURE 73b LINEARITY OF AILERON «PH DEFLECTION 
M * 1.2 
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Kl Leading Edge 0°/0* 

10* Aileron 

Increment for Additional 10* Aileron 

.03 

.02 

4¾ 

-.0! 

-4 0 

L I 
Figure 74 

MACH = 0.8 

LINEARITY WITH DEFLECTION 
MID SPAN AILERON - HORIZONTAL TAIL ON 
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Kl Leading Edge 0#/0* 
10" Aileron 
Increment for Additional 10* Aileron 
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and 10 degree symmetrical leading edge deflections while the 20 
degree aileron date, was obtained only with the undeflected lead¬ 
ing edge, some adjustment was necessary. Based upon symmetrical 
leading edge deflection effects on ailei.un control, horizontal 
tali on, the 5 degree leading edge data was adjusted to a con¬ 
stant rolling moment for angles of attack less than 2° (indicated 
in Figure 75 by a short dashed line). The net result is that, 
horizontal tail off, the control effectiveness at 0.9 M is 
about equal at large and small aileron deflections. Hence, the 
loss in control effectiveness tail on at 0.9 M (Figure 74) 
must be primarily associated with horizontal tail interference 
effects. 

Another interesting aspect of aileron linearity is the re¬ 
lativo offectiveness of up versus down deflection. Effective¬ 
ness for such one wing panel surfaces are presented in Figure 76. 
Actual wind tunnel measurements were available for the left 
aileron 20 degrees down and are shown in this Figure. This data 
and measurements for 20 degrees differential aileron were used 
to estimate the rolling moment produced with only the right 
aileron 20 degrees up. Note that for the transonic Mach numbers, 
trailing edge up deflection is significantly more effective. 
The data for 0.8 M and 0.9 M suggest that the estimates for the 
trailing edge up deflection includes losses or interference 
el facts attributable to the combined asymmetric loading of both 
ailerons. Note that as the down aileron becomes ineffective the 
up aileron seem- to become more effective. 

A comparison of the data for various Mach numbers in Figure 
76, reveals that the change in general level of control effec¬ 
tiveness with Mach number in the transonic region is primarily 
due to effects on the up-deflected surface. The up aileron sur¬ 
face also produces about the same rolling moment at low angles 
of attack as the equivalent spoiler. (See Figure 77). How¬ 
ever, the up aileron deflection does not have the abrupt large 
loss in effectiveness with angle of attack associated with 
spoilt?, i. Note that for transonic conditions, the spoiler has 
somewhat better trends with angle of attack up to about six de¬ 
grees. However, at about this attitude, an abrupt loss in 

spoiler 1 feetiveness occurs primarily associated with the 
start ol t1ow separation on the clean wing. Photographs of 
oil flov patterns show that the separated region ahead of the 
p-de! I cted control is about identical for spoilers and ailerons. 

(C.impure the separated region on the right wing ahead of the 
spoiler, figure 78, with that given previously in Figure 68 for 
m d-ailerons. The spoiler appears in Figure 78 as a thin black 
spanwise line along the 75 percent chord.) 
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10/10) 
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figure 73 LINEARITY WITH DEFLECTION 
MID SPAN AILERON- HORIZONTAL TAIL OFF 
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Figure 76 COMPARISON OF UP DEFLECTED AND DOWN DEFLECTED SURFACES 

MID SPAN AILERON 

130 



Figure 76 COMPARISON OF UP DKFLr-i - ;',0 ,.. \*j*U DEFLECTED SURFACES 

MID SPAN AILERON 



.02 - 

¿«i 

. 
♦ 0 4 3 12 1 6 20 

ANGLE OF ATTACK - Degrees 

Spoiler 90* Up 
Right Aileron 20° Up 

Figure 77 COMPARISON OF UP DEFLECTED MID-AILERON 
AND SPOILER CLEAN LEADING EDGE 

J82 



HACH - 0.9 

Spolltr 90* Up 
Right Aliaron 20* Up 

Figure 77 COMPAPTSON OF U? DEFLECTED MID-AILERON 
AND SPOILER CLEAN LEADING EDGE 



Figure 78 FLOW VISUALIZATION OF SPOILER 
Kl L E 0/0 MACH * 0.9 
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3. COMBINED LEADING AND TRAILING EDGE DEVICES 

Differential leading edge d flection was Investigated in 
combination with two aileron con igurations deflected for posi¬ 
tive rolling moment, the mid-span ailerons and the extended span 
ailerons (made up of the raid-uilerms plus the most outboard 
trailing edge segment). Characteristics for die mid-ailerons 
are noticeably improved by the addition of differential leading 
edge deflection at high angle of attack transonic conditions, 
see the 0.8 Mach number data of Figure 79. In particular, 
the five and ten degree down left leading edge deflections 
yield improved effe.ctiveness to high angles of attack, suffer¬ 
ing only small losses at low attitudes. Differential deflections 
In the opposite sense, 0/10, (down leading edge with up trailing 
edge) offer scxne increase in effectiveness at low attitudes but 
are undesirable for angles of attack above ten degrees at tran¬ 
sonic speeds. For the supersonic condition, differmtial de¬ 
flection in this opposite sense shows Improved effectiveness 
over the entire angle of attack range evaluated, see data for 

1.2 Mach number. 

The cransonic data for the roll control effectiveness of 
c nabined differential deflection of the leading edge flaps and 
mid-span ailerons is also presented cs a function of lift coef¬ 
ficient. The data in Figure 80 more clearly indicate the extent 
that these combined devices improve roll control at transonic 
high lift conditions. At 0.7 Mach number marked improvement is 
attained at lift coefficients between 0.8 and 1.4 with only 
moderate losses at the lower lift coefficients. Characteristics 
at 0.8 Mach number are noticeable degraded from those for 0.7 
Mach number. The attainable rolling moment is more sensitive to 
leading edge deflection. Note in particular that the 10/0 de¬ 
gree 1c ¿ding edge is only useful at lift coefficients greater than 
1.0 and suffers large effectiveness losses at lower lift coef¬ 
ficients. Further progressive degradation is evident at Mach 
numbers of 0.85 and 0.9; at these conditions scheduling of the 
differential leading edge deflection with angle of attack or 
lift coefficient would be required to obtain the modest benefits 
at high angles of attack without incurring severe penalties at 

the lower conditions. 

Data obtained for differential leading edge deflection used 
in combination with the extended span ailerons, Figure 81, have 
similar trends to those obtained with the raid-ailerons. However, 
in this case, the gains due to inclusion of differential leading edge 
are smaller than those obtained for the mid-aileron configurations. 
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aC 

SYW TEST 

O PWT 41 TC-M3 
a mr 4t rc-043 
A PWT 4T TC-043 
❖ PST 4T TC-043 
Q PST 4T TC-043 

INCRENFNT 
PN 214 - PN ¿87 
PH 179 - P*i 2S7 
PN 311 - PN 2®7 
PN 420 ~ PW 440 
PN 427 - PN 440 

L.E. 

K1 
K1 
K’ 
K1 
«1 

CL/RJ 

0/0 
13/0 
3/0 
0/10 

10/0 

AILERON CL/R3 

HID 20/-20 
MIO 20/-20 
mo 20/-20 
mo 20/-20 
HID 20/-20 

Fife» : 79* DIFFERENTIAL L.E. FLAP SITH HID SPAN AILERONS 
H > O.t 
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aC 

aC. 

8 12 

ALPHA-DEGREES 

SVM TEST 

O WT 4T TC-043 
B WT 4T TC-043 
A P¥T 4T TC-043 
■ P8T 4T TC-043 
0 P8T 4T TC-043 

INCREMENT 

PN 21G - PN 263 
PN - PM 263 
PN 313 - PN 2CT 
PN 181 - PN 263 
PN 421 - PN 269 

L.E. 

K1 
K1 
K1 
«1 
K1 

CL/R) 

0/0 
10/0 
5/0 

ÍS/0 
0/10 

AILERON tL/R) 

NID 20/-20 
mo 
MIO 
mo 
MID 

20/-20 
20/-20 
20/-20 
20/-20 

FI6URE 79b DIFFERENT !W- L.E. FL*»«™ H» SP« MUERONS 

187 



HACH « 0.7 

Not«: Kl Leading Edge with Hid-Allarons 20/20 Degrees 

e’igure 80a COMBINED LEADING AND TRAILING EDGE ROLL CONTROL 
MACH = 0.7 
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MACH - 0.8 

Note: Kl Leading Edge with Mid-Aileron# 20/Ä0 Degree# 

Figure 80b COMBINED LEADING AND TRAILING EDGE ROLL CONTROL 
MACH=0.8 
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ur< 80c COMBINED LEADING AND TRAILING EDGE ROLL CONTROL 
MACH = 0.8b 



Note 
; Kl Leading Edge with Mid-Ailerors 20/Í0 Degrees 

Figure 80d COMBINED 
LEADING AND [’RAILING EDGE ROLL COL. IK 1 

MACH = 0. y 



SYM TEST 

O PWT \6T TF-216 
0 PWT 1BT TF-21S 
A PWT 1ST TF-216 

increment 

PN B2 - PN 50 K1 
PN 71 - PN 50 Kt 
PN 77 - PN 50 K1 

AILERON tL/R) 

0/0 3 SEGM. 20/-20 
10/0 3 SEGM. 20/-20 
5/0 3 SEGM. 20/-20 

L.E. CL/R) 

FIGURE 81a DIFFERENTIAL L.E. FLAP WITH EXTENDED SPAN AILERONS 
M * 0.8 
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aC 

S*M 

O 
□ 

TEST 

p^T IßT TF-216 

INCREHENT 

PN 61 - PN 54 
PN 70 - W 54 

L.E. 
K1 
K1 

lL/«í 
0/0 

10/0 

AILERON U/RÏ 
3 SE6M. 20/-20 
3 SES*. 20/-20 

PIQURE 81b 

TF-216 PN 7B - ^ . __nkjC 
».. , c PtAP «HH EXTENOEO SPAN AILERONS 

DIPFERENT1AL L.E. 
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VENTED SPOILER 4. 

A single geometric arrangement of vented spoiler was 
tested deflected normal to the upper surface for two symmetri¬ 
cal leading edge deflections. At transonic speeds, as illustrated 
in the data of Figure 82 for 0.8 Mach number, spoiler effective¬ 
ness drops rapidly at angles of attack neav stall for the basic 
wing. The effect of symmetrical leading ¿dge deflection was 
to yield more gradual losses with angle of attack starting at 
lower angles. The slightly improved effectiveness at high 
attitudes for the deflected leading edge was not evident at 
0.9 Mach number. For the supersonic case, 1.2 Mach number, 
effectivjness is less effected by angle of attack, but the gen¬ 
eral level of effectiveness is much less than predicted by 
methods of the USAF DATCOM, Reference 12 (see Figure 83). 

3. DIFFERENTIAL HORIZONTAL TAIL 

In view of the significant losses in aileron effectiveness 
due co horizontal tail interference, consideration was given to 
the use of the horizontal tail as a roll control device. Re¬ 
presentative data for this configuration is presented in Figure 
84 . Note that angle of attack effects on differential hori¬ 
zontal tail roll effectiveness are quite small but the level of 
effectiveness is so low that the deflections required to pro¬ 
duce the desired rolling moments by tail deflection alone could 
jeopardize the simultaneous use of this surface for longitudinal 
maneuvering and yield high drag penalties. Also at 1.2 Mach 
number high ad/erse yaw occurs at the high angles of attack, 
particularly in consideration to the rolling moment produced. 

Although the horizontal tail is not well suited for pri¬ 
mary roll control on a fixed wing configuration such as LEDE, 
moderate differential deflection shows promise as an auxiliary 
roll control. In particular, a relatively small differential 
deflection will cancel the negative rolling moment due to the 
tail interference of ailerons, by minimizing the asymmetric 
angle of attack distribution across the horizontal tail. Such 
an approximately uniform tail angle of attack distribution will 
allow maximum use of the horizontal tail for maneuvering. The 
differential tail deflection for the daca of Figure 84 was se¬ 
lected on this basis. These measurements confirm that moderate 
differential deflection cancels aileron-horizontal tail inter¬ 
ference to yield significantly improved roll control at the 
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ALPHA-DEGREES 

SYM TEST INCREMENT L.E. Cl/Rl SPOILER 

O PWT 4T TC-043 PN 4G2 -PN 440 K1 0/0 RM -90 
□ PWT 4T TC-043 PN 173 -PN 127 K1 10/10 RM -90 

FIGURE 82a VENTED SPOILER EFFECTS 
M * 0.0 
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3VM TEST INCREMENT L.E. tL/R) SPOILER 

0 PUT 4T TC-M3 PN 4M -P** 289 K1 0/0 RH -SO 
O PWT 4T TC-043 PN 17< -PN 129 «1 10/10 RH -90 

FIGURE 82b VENTED SPOILER EFFECTS 
M * 1.2 





SYM TEST INCREMENT HORIZ. TAIL (L/RJ AILERON tL/RÎ 

O P«T 4T TC-043 PN 407 -PN 440 4/-4 
B PWT 4T TC-043 PN 493 -PN 440 4/-4 
A PWT 4T TC-043 PN 411 -PN 440 0/0 

NONE 
MID 20/-20 
MID 20/-20 

FIGURE 84a DIFFERENTIAL HORIZONTAL TAIL EFFECTS ( CLEAN L.E.) 
M * 0.8 
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ALPHA-DEGREES 

SYM 

O 
□ 
A 

TEST 

PWT AJ TC-043 PN 
PWT 4T TC-043 PN 
PWT 4T TC-043 PN 

INCREMENT HORIZ. TAIL 

489 -PN 269 4/-4 
495 -PN 269 4/-4 
414 -PN 269 0/0 

CL/R) AILERON (L/RJ 

momc 
NID 20/-20 
NID 20/-20 

FI BURE 84b DIFFERENTIAL HORIZONTAL TAIL EFFECTS ( CLEAN L.E.J 
M * 1.2 
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expense of moderate Increases in adverse yaw. Note that the 
incremental moments produced by asymmetric tail deflection, were 
not altered by presence of aileron deflection on the wing. 

6. AUXILIARY DEVICES 

Several different devices were investigated in an auxiliary 
capacity in combination with basic aileron configurations. For 
the most part, these devices are typical of items that would 
be used in an attempt to correct deficient flow conditions of 
the basic wing. Since the design goal of minimizing shock 
strengths and delaying flow separation at transonic high lift 
conditions was apparently accomplished, it is not surprising 
that little effect was noted for these auxiliary devices. 

a. Vortex Generators 

It was noted in Section VI that the vortex generator 
pattern provided some improvement in basic longitudinal char¬ 
acteristics of the symmetrical configuration. However, the flow 
separation phenomenon associated with ailerons at high attitudes 
is such that che attainable improvements in boundary layer char¬ 
acteristics result in little benefit to roll control. The 
largest gain would be expected for the extended span ailerons 
since they cover Jrhe largest portion of the wing and are signifi¬ 
cantly influenced by flow conditions at the tip. Figure 85 
for 0.9 Mach number illustrates that the change due to vortex 
generators was a slight rolling moment improvement at angles of 

attack near wing stall. 

b. Trailing Edge Droop 

Trailing edge droop was considered upon the premise that 
elimination of up trailing edge deflection would result in 
favorable pressure gradients on the aft wing portion. A 
second reason for considerii.g this arrangeant is that small 
flap deflections are one obvious means of increasing lift 
coefficients at transonic condition* . The symmetric base-line 
configuration had ten degrees trailing edge deflection for all 
segments. For roll control, the two mid-aileron segments were 
differentially deflected ten degrees from the symmetrical droop 
position. The data in Figure 86 for 0.7 Mach number (typical 
of all transonic speeds investigated) indicate that the major 
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SYM TEST 

O PWT 4T TC-043 
0 PWT 4T TC-043 

FIGURE 85 VORTEX 

increment L.E. CL/R) 

PN 303 PN 445 K1 5/5 
PN 227 -PN 241 K1*VG 5/5 

GENERATOR EFFECTS ON EXTENDED 
M « 0.9 

AILERON IL/R) 

3 SEGM. 20/-20 
3 SE8M. 20/-20 

SPAN AILERONS 
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SYM TEST 

O PWT 4T TC-043 PN 
O PWT 4T TC-043 PN 
A PWT 4T TC-043 PN 

INCREMENT L.E. CL/R) 

202 -PN 128 10/10 
135 -PN 128 K1 10/10 
488 -PN 438 Kl 0/0 

AILERON CL/R) 

MID 20/0 MO DROOP 
MID 10/-10 

MID 20/0 

PICURE 86a TRAILING EDGE DROOP EFFECTS ON MID AILERONS 
M * 0.7 
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SYM TEST 

© PWT 4T TC-043 PN 
q PWT 4T TC-043 PN 
A P¥T 4T TC-043 PN 

INCREMENT L.E. tl/R) 

201 -PN 123 «I 10/10 
136 -PN 129 K1 10/10 
470 -PN 269 K1 0/0 

AILERON Cl/R) 

MID 20/0 MO DROOP 
MID 10/-10 
MID 20/0 

FIGURE 86b TRAILING EDGE DROOP EFFECTS 
M * 1.2 

ON MID AILERONS 
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.„.ce i. ehat do-n 
e qui va >ii t up deflections ( SCUSEl[)n of ailerons, subsection 
-er. given previously ^'"“'differences are dlr-itly 
Vll 2). Only mí"or.^Í«ícííToop of the most Inboard and tip .ttributive to the eymme ^ ^ £or che supera0„ic 

aegments. “ 1‘j£“ alf*hr.e arrangements yield essentially 

X’tlcal rollig-d yawing messents up to moderately high angles 

of attack. 

c. Spilt Flap 

split flaps were added to the ^p.trc^aff on"he 
controls in an attempt to move the shock patterns 

wing and thus reduce the «8l«¡ d" for the'controls did 
addition of this type b1“"' t”1^ 87 the reductions In produce such a result Note In ngur. 87 tn^ con. 

size and more aft position o£,d"nd lark«“«) split 
figurations with the ^ ’ noticeable at about 8.4 
flaps. The changes are P^^lr the net result was a loss 
degrees “"SUcf attack^ H ^ moaeratt angles of attack 

is Jd-iii’lÄn« roeï^d 
dh1 ïyowirCr.id,ethlck:r”"ng wake with the split flaps. 

d. Kruger Glove Flap 

A Kruger flap was positioned on the ^“^'“^of^he 

to determine what e££ec' ' '‘dht°have on aileron effectiveness, 
highly swept inboard portion m g angle of attack of 
No significant dif£«:"C'al“crdynatícs precluded testing to higher 
fourteen degrees where balance aynanu 
attitudes. 

e. Canopy Fairing Effects 

The basic LEDE conflguration^has^^f.irlng^on the^ 

rtLri£rr:.1ï.tiiiution aJ .t th. s-iiti;arr>r-“is. 

Che expansion field Jhe inbo 8howed no change 

Ä-rs"-1-™! s“™- * *■* 

20A 



a- 9.08° 

MID-SPAN AILERONS 10°/-10° 

F2 SPLIT FLAP 

a- 12.99° 

AILERONS PLUS F? SPLIT FLAP 

Figure 87 FLOW VISUALIZATION OF SPLIT FLAP EFFECTS 

Kl L.E. 10/10, MACH * 0.9 



\C 

SYM TEST 

O PWT 4T TC-Ü43 
D PWT 4T TC-043 
A PWT 4T TC-043 

INCREMENT l.E. 

PN 154 -PN 126 K1 
PN 161 -PN 126 K1 
PN 133 -PN 126 KÍ 

IL/R] AILERON ÎL/R) 

10/10 MIO *F2 10/-10 
10/10 MIO *F3 10/-10 
10/10 MIO 10/-10 

FIGURE 88 SPLIT TRAILING EDGE 
M = 

FLAP EFFECTS 
0.9 

ON MIO AILERON 
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reduction «as noted «Ith the fairing removed. This la attributed 
to a decrease In local aft facing slopes. 

7. ROLL CONTROL COORDINATION 

ar-ar*t'pristics have been evaluated for the 
Coordination charac^erl®t:^ " editable The metric 

lateral control devices foun ^ yawing moment to rolling 
chosen for comparison is . This data is presented 
moment produced by “feron alone and he mid-aileron 
in Figure 89 for the »f^.^ifbest differential leading 
alone and in combination ranerallv the mid-aileron loca- 
edge deflection, 10/0 h the outboard aileron position 
tion yields better coordination than thetested (The 

considering all Mach numbers g h th outboard location 

mid-aileron P^^^o/ro Ung ^n aî medil to high angles 
from the standpoint .^^^“^"ding edge deflection in 
of attack). Use of different g reduces adverse yaw in combination with mld-allerons materlauycrecumbers ^ 0 8_ 

the high range of angle of . nt at these conditions, 
and 0.9 while increasing r obtainable at 1.2 Mach number 

The c°"efE^^"*8l0valÍeaslnre use of differential leading 
tdgr InMTs^: desired ^r transonic conditions results 

in prohibitively large losses in roll control p 

Coordination characteristics^0^1^® identical 

tQ6those"for ^outboard and mid-span ailerons However the^ 

S^riXt^^eaf^enÂ-alleron is used. 

The rn =:rtÄrto differential horizontal tail ^use ig ven in 

^ÄÄ-f^Ud^lieron alone. 
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L. E. AIItoo 
-0/0 Mid Span 
- -10/0 Mid Span 

-0/0 Outboard 

-'♦0.2 MAC ,H > 0.8 

-4 ( 

ACn 

1CJ n i 
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U K - Degi 
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Figure 89 COORDINATION CHARACTERISTICS 
MID SPAN AND OUTBOARD AILERONS 
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10/0 d Span 
0/0 Outboard 
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Figure 90 COORDINATION CHARACTERISTICS 
EXTENDED SPAN AILERONS 





EXTENDED SPAN AILERONS 
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91 HORIZONT Ai 



'♦0.2 MACH - 0.9 

Figure 91 COORDINATION CHARACTERISTICS 
MID AILERON AND DIFFERENTIAL HORIZONTAL TAIL 

I. 



The best use of differential horizontal tail is as an auxiliary 
device to improve roll power without seriously degrading coor¬ 
dination. 

The results of a generalized lateral coordination study 
are given in Appendix II in order to relate the individual 
effects of inertia, stability, and control moments. This 
information is most clearly related to the control moments in 
the form of a yawing moment-rolling moment ratio versus angle 
of attack with /ow as a parameter, Figure 92. In this form, 
selected bounds on w, /<*>< limit the allowable combinations of 
ACnAC; and angle of attack or conversely indicate conditions 
where specific compensation via the flight control system is 

required. 

Coordination data for the mid aileron control has been 
repeated in Figure 93 using as a boundary w;/wd not less than 
0.8. Consider the 0.7 Mach case, for nominal directional 
stability the limit is reached at nine degrees angle of attack 
with aileron alone while inclusion of differential leading 
edge increase this angle of attack to 10.4 degrees. For the 
desirable directional stability case, the values are 10.9 
and 13.0 degrees. Similar trends are evident at 0.8 Mach 
number. Beyond these limit angles of attack some form of 
automatic coordination would be required to maintain w/a>d 
above 0.8. The vertical distance between the curve and the 
corresponding limit is a measure of the magnitude of coordin¬ 
ation required. Thus, the use of differential leading edge 
deflection in combination with mid-aileron allows angle of 
attack to be increased about two degrees without excessive de¬ 
gradation in lateral coordination and significantly reduces the 
amount of artificial coordination required in the angle of 
attack range of ten to sixteen degrees. 

It is important to keep the amount of artificial coor¬ 
dination to a relatively small level since scheduling as a 
function of angle of attack is not easily accomplished. Thus, 
reduction of adverse yaw at high angles of attack can result 
in excessive proverse or so called "favorable yaw" at low 
angles of attack and lead to undesirable pilot coupling 

tendencies. 
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Figure 92 EFFECTS OF CONTROL MOMENT RATIO ON COORDINATION 
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Stability 

Figure 93 TYPICAL COORDINATION BOUNDARIES 
MID AILERON 



SECTION VIII 

CONDLUDING REMARKS 

The investigation was, in general, successful. Improved 
transonic roll control characteristics with wing-mounted devices 
were achieved. The basic philosophy was to generate an improved 
wing flow field at transonic high lift conditions. sln“ advance 
fighter aircraft designs must achieve an improved wing flow field 
to meet performance requirements, the results from this study will 
have immediate application to development of roll control devices 

for such aircraft. 

While the major goal of the program was to investigate and 
improve roll control at transonic high lift conditions, addi- 
tional useful results having application to advanced aerodynamic 
design for performance at transonic high lift conditions were 
obtained. The experimental program also brought to light 
serious discrepancies in lift and drag data between results ob¬ 
tained in a small and a large transonic wind tunnel. 

1. ROLL CONTROL CONFIGURATIONS 

Differential deflection of leading edge flaps does not 
provide sufficient roll power on moderately swept wing plan- 
forms to be used as primary control at transonic conditions. 
However, there is some indication that this arrangement may 
be suitable for supersonic conditions on highly swept wing 

planforms. 

Several interesting effects were noted for the various 
aileron configurations tested. For the LEDE configuration, 
the strongest effect was horizontal tail interference which 
ovttpowers the favorable effects of reduced shock strengths 
at the inboard locations. Rather small differences in con¬ 
trol power were noted for the various symmetrical leading edge 
deflections. In general, the best deflections for roll control 
are less than those for the best longitudinal characteristics. 



the primary factor Is the, section camber, 
Ff ^section’(leading edge defUction, b 1 deflection -rHir,.ï“r -- - “ 
7Z deflected aileron. ^nectlon «as 
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those tested, Improvements in roll control appear to be limited 
to a narrow angle of attack range corresponding to onset of flow 
separation on the mid-span and outboard portions of the wing. 

Testing at the highest attainable Reynolds number, within 
the capability of current transonic wind 
appear to be a crucial consideration for obtaining roll con^°J 
data For cases such as the LEDE study, where the maximum test 
angle of attack is limited by static or dynamic balance loads 
(more critical at the higher static pressures a®®ocJ;at:®^ ^ 
higher Reynolds numbers), it now appears plausable to conduct 
most evaluations at a moderate Reynolds number that does not 
compromise maximum angle of attack. These data m«y Jhen be use 
with a high confidence level to select the best configuratio . 
to be checked at the highest attainable Reynolds number. 

2. SYMMETRICAL CONFIGURATIONS 

Certain aspects of the investigation are Part?;cuiar^P^a8“ 
ing to an aerodynamicist. First and foremost is the f-Çtthat 
the empirically derived wing design worked so well. A signifi 
cant body of data and some theoretical treatments existed for 
curved plan forms, however, none of this ^ackf ound.inf°™a^°" 
fully covered a complete treatment of a p.anfora of r®^ively 
hieh aspect ratio. While the overall integration of planform, 
airfoil section, twist and camber obviously are important an 
especially so at transonic speeds, the similarity of ® 
for the basic airfoil and modified leading edge airfoil in 
cate that the curved leading edge is a powerful factor in 

success of the design. A systematic in^esti|at^" °fa^Vof" 
leading-edge planforms would appear to be a fruitful 
research to advance the state-of-che-art of transonic aero¬ 

dynamic design. 

With respect to the aerodynamic performance of high-lift 
devices at transonic speeds, the investigation adds to the 
growing body of data which indicates that the total added camber 
which can be used at transonic speeds will be more and moro 
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limited as Mach number increases from about 0.7 towards 1.0. 
At low lift coefficients, trailing-edge flaps appear to be 
efficient addltlonal-llft producers whereas at high lift coef¬ 
ficients leading-edge flaps appear to be most beneficial. 
Simultaneous use of leading-edge and trailing-edge flaps at 
low lift coefficients should probably be limited to relatively 
small deflections near0.9 Mach number. The split flap may be 
a good transonic high-lift device because it does not induce 
as severe changes in upper surface flow characteristics as 
a plain flap. 

The novel array of vortex generators used in the investi¬ 
gation gave some benefit in reducing the extent of shock- 
induced flow separation and should be Investigated more exten¬ 
sively on conventional wing designs to fully assess its capabi¬ 
lity In that regard. 

3, TEST TECHNIQUES 

Transonic wind tunnel testing has always presented a major 
problem with respect to producing results that can be applied at 
aircraft flight conditions with confidence. The conflicting 
requirements for high Reynolds number and small model blockage 

produced a major dilemma. Many years ago guidelines were 
established for allowable model size with respect to blockage in 
terms of model cross-section area relative to wind tunnel test 
section area. In a similar fashion a scaling technique was estab¬ 
lished which was shown to be valid for aircraft with thin wings 
at low to moderate lift coefficients. Recent attention to tran¬ 
sonic characteristics at high lift conditions has produced 
results which indicate that the old scaling method my not be 
valid. As a consequence, there has been a tendency to use larger 
models to increase the test Reynolds numbers. Often the models 
are much larger than allowable by the old blockage rules. 

Results from the present tests show that very serious effects 
can occur if models that are too large are used. In particular, 



the performance characteristics, i.e., lift and drag, can be 
seriously altered in an adverse sense. While these effects are 
not too serious for the present investigation which had the 
major goal of defining the characteristics of roll control 
devices, the impact of the degraded performance characteristics 
on an aircraft conceptual development program could be very 
serious. Due consideration must be given to this problem for 
future tests. 

Measurements for identical configurations in PWT 4T and 16T 
had major discrepancies in the drag polars and notable differences 
in lift characteristics, fiffects on the various moments were also 
noted, mainly at conditions having some flow separation. The 
measurements suggest that separation effects start at lower angles 
and progress more gradually in the smaller facility. However, 
the major interference effects were on lift and drag to the extent 
that transonic tests of the 22.5 inch span LEDt model in a four 
foot by four foot test section did not yield accurate baseline 
longitudinal characteristics at transonic conditions. 

Flow visualization, by use of a titanium oxide and oil mixture, 
proved to be a valuable aid in selecting and analyzing the various 
roll control configurations. A mixture was found which provided 
good visualization for about fifteen minutes testing at temperatures 
up to 140-145 degrees Fahrenheit. Although good detail was evident 
in the 16 mm films, the attainable black and white prints of single 
frames were considerably degraded. Overall, the results with black 
and white film were only slightly better than those with color film. 
In future tests, a larger camera should he used to obtain better 
resolution and still retain the advantdges which accrue from 
motion pictures, i.e., observation of dynamic phenomena. 
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