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SUMMARY

‘An approximative analysis and discussion is given of the behavior of
poles and zeros characterizing the longitudinal dynamics of VIOL air-
craft in transition. In feedback design, it is a desirable goal to
create a dominant attitude response mode which is separated in fre-
quency and varies little throughout the transition. This investiga-
tion has demonstrated that this goal can be achieved at fixed operating
points in transition without accurate prior knowledge about the behavior
of the stability and control derivatives during transition. In the long-

tudinal degrees of freedom, pitch attitude and pitch rate feedback were
used. In the lateral-directional degrees of freedom, the same goal was
achieved by using yaw rate, roll angle, and roll rate feedback. The
gains were determined by an approximate procedure.

Longitudinal and lateral-directional experiments were performed with a
0.1 scale model of the XC-142A tilt-wing VTOL aircraft. Pulse responses
of the free-flying model are presented. In the longitudinal tests, accel-
erating and decelerating transitions were fiown with the loop closures
provided by a small analog computer. The lateral-directional tests wvere
conducted at mid-transition (i, = 40°) at a trim velocity of 18.6 ft/sec.
Tests at speeds of 15 ft/sec and 30 ft/sec were conducted representing
accelerating and decelerating fixed points in transition, respectively.
In these tests, the cross-control gain from differential collective to
ailerons was used as a parameter in addition to the feedback gains. The
results indicate that a tight yaw rate loop closure makes artificial
control uncoupling unnecessary. A pronounced destabilizing effect
occurred in the decelerating condition. In the accelerating condition,

a more stable spiral mode was apparent.
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INTRODUCTION

Vertical takeoff and landing aircraft (VIOL) became technically feasible
years ago. This family of aircraft is characterized by an essentijal
change in configuration during transition between hover and cruising
speed. The effort described in this report is connected with VIOL
aircraft in transition utilizing automatic feedback control.

The dynamic characteristics of aircraft are expressed in terms of
stability and control derivatives. These can be determined in advance
with sufficient accuracy for a conventional fixed-wing aircraft or for

a helicopter in hover. In VIOL aircraft configurations, problems arise
because of uncertainties in aircraft characteristics and the time-varying
nature of the transition dynamics.

It is difficult to predict the exact flow pattern and the forces and
moments for all stages of the configuraticn change. From the feedback
designer's point of view, the uncertainties must be considered, but they
have a somewhat diminished significance. This is due to the well-known
effect that feedback loop closures tend to make the open-loop character-
istics disappear as the loop gain is increased. The uncertajinties that
affect the closed-loop performance of a feedback system were explored

in terms of sensitivities of closed-loop dynamics with respect to air-
craft parameters.

Stability derivatives are defined only for a fixed configuration and

for small deviations from an equilibrium. Becesuse of the acceleration
associated with the transition during this maneuver, the aircraft is
intentionally not in equilibrium. Utilizing the Princeton Dynamic Model
Track and a model of the X(-1L2 tilt-wing configuration, an experimental
investigation of accelerating flight on the closed-lcop performance was
performed. These experiments and their results are described. The
purpose of the investigation was to evaluate the effects of uncertainties
and time variation on the closed-loop performance of VTOL alrcraft. The
approach utilized fixed operating points i{n transition in the analysis;,
the effect of time variation was explored experimentally.



TRANSITION

The analytical approach to determine the aircraft dynamics utilized
fixed operating points in transition, which means that the config-
uration vas assumed to be fixed and the resulting stability and
control derivatives wvere defined by perturbations about the equi-
1ibrium conditions. The behavior of the poles and zeros of the
transfer functions was determined. During an actual transition of
e VIOL aircraft, as the configuration varies in time, the concepts
of "frequency" and "damping" of various "modes" are meaningless and
cannot be defined. Nevertheless, for relatively slow transitions, the
modes varying in frequency and in damping can provide an approximate
shape of the response (1].

The longitudinal dynamics of an airplane in forward flight consist of

twvo modes of motion. In the conventional airplane, these are generally
named the short-period and phugoid modes. The former is generally a
relatively fast, well-damped oscillation of the aircraft appearing
primarily in the attitude response, vhile the latter is usually a

lightly damped, long-period oscillation which proceeds at essentially

a constant angle of attack and appears predominantly in the transla-
tional response. For the VIOL aircraft in transition, these types of
motion are considerably changed. For a tilt-wing VIOL, one of the

modes is still referred to as the short-period mode, although the damping
vill vary from a small negative to a moderate positive value, and the
period vill change consideradly during transition. The other mode is

not like the typical phugoid during parts of the transition. Frequently,
it will be tvo real roots: a convergence and a divergence. The time to
half amplitude and time to double amplitude, respectively, of these modes
vary considerably during the transition.

Fixed operating points in transition define loci of roots of the
characteristic equation vhich describe the root variations between
the hovering and the forwvard flight configuration. As a typical
example, in early studies carried out on the longitudinal dynamics
of the tilt-wing VHR-LUT Tri-Service VIOL aircraft (redesignated the
XC-1L2), values of the roots during conversion were obtained as shown
in Figure 1. The separation of roots in frequency (distance from the
origin) occurs only approximately halfway through transition and is
valid only in the high-speed half of the transition.

The evolution of the roots in the s-plane while tilting the wing

forvard and retracting the flaps, vhich corresponds tc the takeoff
maneuver, will be discussed in this section. The roots follow the

same loci in reverse direction wvhen the aircraft converts from forward
flight to hover. If these loci vere known for any particular configur-
ation, the dynumics of the airplane during transition could be predicted.



The loci of the roots cannot be expected to be uniform for different
VTOL designs. Yet it is necessary to state fundamental facts regard-
ing common stability trends and to attempt to establish a mathematical
framework as the starting point for the feedbeck control design.

The influence of the basic 1lift coefficient slope Cr,_ is of primary
interest. At the higher speed end of the transition, the oscillatory
pair of roots can be approximated by the second-order equation (e.g.,
Reference (2]):

B(s) = 8% - (Mg + Zy)s + MgZy, - UMy = 0 (1)

Any variation of CLa would relocate the roots according to the "root
locus" defined by the following equation:

Al(s) = Azw(s = Mq) = 0 (2)

In the low-speed end of the transition, the characteristic roots can
be approximated based on the following equation:

8,(s) = (s—Xu)[(s-Zw)(sz-qu) - sUM,] + gMy(s-Z,) = 0 (3)

The displacements of the roots following changes in My can be estimated
by using root locus sketches. The modified characteristic equation with
a change AMy in the value of the static stability with velocity is given
by Reference [2]:

B,(s) + &, g(s - 2,) = O (1)

There is a strong influence of M, in shaping the curve of the oscilla-
tory pair of roots at low speeds. This parameter varies over a wide
range, according to the configuration selected, flap programming, or
geometric displacement of the aerodynamic center with respect to the
center of gravity. Positive M, values are considered to be necessary
for achieving acceptable handling qualities, at least until sufficient
angle-of-attack stability has built up to produce a stable short-period
mode.

The two remaining roots may assume a variety of relative locations
through the transition. There are no adequate approximations in terms
of stability derivatives which could define the character, oscillatory
or aperiodic, of these roots, since approximations are valid only when
the roots are firmly separated in frequency. If the static margin is
positive, i.e., the constant term of the quartic is negative, these
real roots represent a convergence and a divergence.

et i e it



The vertical translational degree of freedom of a hovering aircraft is
dynamically uncoupled from the horizontal degrees of freedom. As the
conversion begins, one real root starts to move from the hovering value
of Zy and the other real root moves from its hovering value to the right.
Approaching forward flight, these two roots are near the origin and,
depending on the sign of the static margin, form a pair of real roots,
one positive and the other negative, or a pair of oscillatory phugoid
roots. The real parts of the phugoid roots tend to 1/2 X, as My tends
to zero.

So far, the general character of the pole movements during conversion
has been discussed. For feedback loop closures, the locations of the
zeros must also be considered. The first choice of loop closure is an
attitude feedback loop, which usually not only stabilizes the hovering
roots but also provides a good separation of the short-period roots
throughout the conversion.

The approximate values of the two zeros of the pitch-to-stick transfer
function during the low-speed end of the transition, where UgMy is
small, can be determined from

2 ~
s? - (2, +X,) s+2X, = 0 (5)
which yields
] = 2
1 Sw
(6)
s, = X4

The first zero is coincident with the uncoupled root of the chararcteristic
equation in hovering. The second one is almost equal to zero for a hover-
ing helicopter. For a tilt-wing VTOL, the drag is influenced by small
variations of velocity on the effective angle of attack. As the tilt-wing
aircraft leaves the hovering condition, the two zeros move steadily along
the real axis toward larger negative values.

With increasing velocity of the aircraft, the equation (5) defining the

zeros is not valid since the static stability with the angle of attack,

UoM,;, builds up to increasing negative values. ©Still, a good approxima-
tion can be presented as follows:

Z 8
RENTIRS N PRRRT A SO g

In arriving at this equation, a negligible value for X, has been assumed.
As a result, the two zeros are given by

g
S) =Zw'M—6'Mw

X

(8)
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The absolute values of the derivatives Z, and !, increase with velocity
after some point in mid-transition. The parameter X, remains substan-

tially limited near the value it attains after th~ lower speed part of

the trarsition has been performed. As a result Is,I increases contin-

uously to the end of the transition, and I’,I renains confined to small
values.

Summarizing the general! behavior of the poles and zeros of the pitch
attitude-to-stick transfer function, a pair of oscillatory poles is
dynamicaliy unstable near hover and {s moving toward airpiane short-
period poles after mid-transition. The other poles are at or near

the real axis. One of these poles is near the origin throughout the
transition; the other moves from the left to the vicinity of the origin.
The two zeros are in the vicinity of the origin near hover, as the
conversion proceeds toward forvard flight, cne moves to the left toward
increasing negative values. As a result, one pole-zero pair remains
near the »>rigin and therefore near the other throughout the transition.
The effect of this pole-zero pair on the closed-loop Jdynarics may be
neglected in the first approximation unless the oscillatory pair dips
to very lowv frequencies.

The other pole-zero pair can be considered a first-order equalizer,

in series with the varying osicllatory second-order system. This
equalizer changes from a lead-lag to a lag-lead configuration. The

cg of this pole-zero pair moves opposite to the cg of the oscillatory
pair, and the cg of the entire pole-zero configuration moves relatively
little throughout the transition as compared to the covements of the
individual singularities. Thc tvo asymptotes of the root locus plot
for an attitude loop closure are paraliel to the {maginary axiszs. The
finding that the asymptotes do not vary grossly throughout the cconvers-
sion is considerea favorable, as high-gain atti{tude loop closures
result in predominanat attitude responses that do not vary significant-
ly throughout the transition. Detailed anaiyses of the .ongi-udinal
stability claracteristics of tilt-wing VTOL aircraf: are found {n
References [3) and [4].



FEEDBACK DESIGN

Most VTOL aircraft require the application of autometic feedback loops
for improving the handling qualities. The stability derivatives at the
tvo end points of the transition, in the hovering and in the airplane
configuration, usially can be predicted with reasonably good accuracy.
During conversion, insufficiently determined parameters and the time-
varying nature of the dynamics lead to considerable deviations among
results based on computation, model tests, and full-scale tests.

The fundamental property of feedback is that it tends to diminish the
effects of open-loop system variation as the loop gain is increased.
If large enough loop gains are used, then, well r=low the crossover
frequency which determines the closed-loop bandwidth, the following
well-known approximation holds:

KG = 18
GCL 1 +KGH ~ H (9)

An efficient feedback system does not have a higher bandwidth than
necessary for handling the input spectrum. Much of the operation of
the closed-loop system occurs near the crossover frequency, where the
gain must "roll off" gradually for stability. The corresponding
transient response has a dominant mode with a frequency and damping
that affect the handling qualities.

In this study, emphasis was placed on attitude and attitude rate
feedback. The controlled or invcluntary change in aircraft attitude
is a primary source of translational acceleration. Aiding the pilot
in the larger bandwidth inner-loop closures permits him to concentrate
more on the control of relatively slow translational motions. The
following requirements were postulated as the basis for the feedback
design for this investigation:

1. There should be a dominant mode in the attitude response
to a control input. The period of this mode should be short,
and the corresponding roots of the characteristic equation
should be separated from those roots which dominate the slower
translacional response. The short-period requirement implies
that the apprcach of fixed points in transition is Justified
for the analysis of the attitude loop closures.

2. The frequency and damping of-~the short-period mode should not
vary significartly throughout the transition, so that the
dominant attitude response of “he aircraft appears approximately
the same to the pilot at all times.



PITCH ATTITUDE AND ATTITUDE RATE FEEDBACK

The loci of the poles and zeros of a VIOL aircraft transfer function
are known or approximaeted for the entire transition. Consider the
transfer function which relates the pitch response to the control
input as shown below.

[
Ma, N3,
A

6
——

Kesh

o Me N8

Ge A
This transfer function has & second-order numerator, and its denom-
inator is the open-loop characteristic polynomial. With the feedback

(k, + Kzs) 8, the closed-loop characteristic equation becomes

; 6 _
A+ (K1 + Kzs) Mée Née = 0
The coefficients of the quartic are linear functions of K, and Kz'
s+ (k) s° + £,(K, K,) s® + £(K,, K,) s+ £ (K,)=0

Choosing K, and K,, two of the four roots of this equation can be
defined. ﬁividing the polynomial by s? + Bs + C, the second-corder
expression corresponding to the desired poles, leaves a remainder
which must be identically equal to zero.

[f, - Bf, + (B* - C)f, - B® + 2BC] s +

mn
o

2 1 =
(£, - Cf, + BCE, - C(B® - C)]

This equation yields two linear eguations in K, and K, that can

(10)

(12)



be solved for the desired gain values. The expressions in these
equations depend strongly on the stabili:y derivatives and vary
through the transition. With known derivatives, the calculation

of the gains is no protlem. However, for the usefulness of the
approach, the sensitivities of the results to parameter variations
must be explored. This is done here on an example in several steps.
The data in Reference |l] for the tilt-duct VZ-lL are used for the
example (Figure 2). These data are not claimed to be accurate but,
rather, to be nominally representative,

Figure 3 shows the iercs and the open-ioop and closed-loop poles at
hover and at three speeds. The desired short-period poles were pre-
scribed to be at -3.0 ¢ 3.0 J. These poles are in the desired location
at all speeds because the calculatinns were made with known derivatives,.

Next it was assumed that the derivatives were known only at the end
points of the conversion and the following choices were made for the
stability derivatives: X, was to be ccnstant and Xy was 0 be zero in
the entire range; linear interpolations were made for Z;, Zy, My, and
Mq. M, was considered to be constant.

The assumed functions are shown in Figure 2. The desired gains K, and
K, to produce a dominant short period in 3.0 * 3.0 J were calculated
with these assumptions, and the results are shown in Figure L,

Variations of the derivatives due to gross weight, cg location, and
accelerating/decelerating flight must also he expected. Therefore, it
would be entirely unjustified to use accurate values of K, and K, as
obtained using the choices indicated in Figure 2. Rather, the gain
program snould be a simple function cf the configuration change during
conversion. Constant gain programs for desired poles near -3 ¢ 3 J and
-2 * 2 j are indicated by dashed lines in Figure 9, and the corresponding
closed-loop variations using the known derivative values are shown In
Figure 6. The closed-loop short-period mode is not .nvariant, but {ts
variation through transition is hardly noticeable to the pilot.

Figure 6 illustrates that the design principles previously stated can
be satisfied with a feedback gain program based on assumptions and
approximations.

The desired closed-locp short-period mode is always much closer to the
aircraft's own short-period mcde than to any of the poles in the hover
and mid-transition regimes. Therefore, the feedback gains are always
relatively larger in the regions of uncertainties;, as a result, the
sensitivity of the closed-loop dominant mode to these uncertainties is
relatively low. The described design procedure is illustrated here
also for the XC-1L2 model. The experimentally cetermined stabilit)
derivatives of Reference [5] are used as original ("known") inform:.tion.



s

The assumed values for the feedback design, instead of the "known"
values of Reference [5], are zero for Xy, Zy, Zy, and My. Xy is
taken constant as -0.3, My is assumed tc decrease linearly from its
hover value to zero at the 100 ft/sec point, and M, is assumed to
increase linearly from zero to -.9 at 100 ft/sec. The feedback gain
values for closed-loop short-period modes at -3 * 3 j and at -2 £ 2 §
are shown in Figure 7. Use of the fixed gains indicated in Figure 7
yields the closed-loop dynamics iliustrated in Figure 8.

In summary, this section described and illustrated a feedback design
principle for the pitch attitude and pitch rate loop cleisures of two
VTOL aircraft in transiticn. The identical principle can be applied
to other aircraft becauce the insensitivity to the open-loop charac-
teristics due to the applicaticon of feedback permits ascumptions to be
made if the general behavior of the derivatives during transition is
known.

LATERAL-DIRECTTONAL FEEDBACK LOCPS

In the latereli-directional degrees of freedom, various loop closures
can be considered. In accordance with the requirements stated earlier,
separation in frequency of a dominant short-period mode and invariance
were considered to be primary goals of the lateral-directional feed-
back design in this stndy. As in the longitudinal degrees of freedom,
an approximating model was used to determine the feedback parameters;
the deviations due to the approximations are illustrated.

The simplified form of the Laplace-transform of the equations of motion
is the following:

s-Yy -£ Ug v Yﬁa Ydr

$
-L, sz-st -L. ¢ | = | Lg, Ls,. l a (13)
-Ny -sli s-N.| | r Ng, N, | O i

The notation of the controls d$g and 6, corresponds tc conventional
aircraft aileron and rudder controls. In converting VIOL aircraft, in
hover and at low speeds, the corresponding angular accelerations are
provided in different ways. Differential thrust is used for roll
control in most cases. Differential tilting of the thrust vector or
separate thrusters are used for directional control. The application
of rolling and yawing moments can be separated very well in hover. As
the thrust is tilted during conversion, however, any differential
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modulation of the thrust provides both a rolling and & yawing moment.
Accordingly, besides "phasing out” the hover control mode during
conversion, some crossing of controls is usually applied in order to
control rolling moments predominantly with 8 and yawing moments with
8y throughout. The control derivatives on the right-hand sides of
Equation (13) represent the resultant relationships amung accelerations
and control inputs. Deviations from ideal or assumed uncoupling can
have a marked effect on handling. The effect of such deviations on
the closed-loop dynamics is of interest especially when multivariable
loop closures are applied.

Considering accurate flight path control as an important requirement,
translational accelerations with respect to a re: erence trajectory

aust be controiled accurately. In hover as well as in coordinated
forward flight, the roll attitude provides the-dominant control of
lateral acceleration with respect to a desired flight path. Therefcre,
a roll attitude and rate loop closure provides essentially translatlonal
acceleration control with respect to a fixed reference path.

As in the longitudinal case, an attempt was made to place a relatively
high frequency pair of conjugate complex poles near predetermined nom-
inal locations. The same nominal locations as in the longitudinal case
were chosen so as to approximate homogeneity of the short-period responses.
This approach in the lateral loop closure design is discussed here as
applied to the VZ-4, using the derivative information of Reference [2].
In Figure 9, the given derivatives at the four airspeeds are shown; the
approximations used are indicated by dashed lines. In the cases of Yy,
, and Ny, the approximations-are straight lines drawn between the
two endpoints of what is considered the transition range. I and L5
are approximated by constants throughout the range; Np, Y5 , and NG
are considered zero. In the cases of Y5 s Np, L5 , and Ng , the
curves drawn are the resultants of linear decreases to zero of the
hovering values and quadratic increases from zero to the forward flight
values. The open-loop poles and the zeros of the ¢/8y transfer function
obtained with the original derivatives are shown in Figure 10; those
obtained with the approximations are shown in Figure 11, The deviations
of the correspording open-loop poles are minor. The deviations of the
zeros are considerable because of the rather sweeping assumptions made
about some of the control derivatives. These were made in order to
demonstrate the relative insensitivity of the closed-loop fast response
to these perameters. In the same two figures are also shown the
closed-loop poles when tvwo of them are placed into the -3 * 33 points
with appropriate K@’ Ki gains. Gains as calculated for the appropriate
model are shown in Figure 12, where the choices of constant values for
the feedback gains are also indicated. Feedback with these gains is
then applied using the original derivatives; the results for two design
" points, -3 * 3) and -2 £ 2J, are shown in Figure 13. This figure shows
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the deviations resulting from the fact that fixed gains were chosen based
on an approximate model. As can be expected, the application of constant
gains throughout results in relatively large deviations at the highest
speed where the aircraft itself begins to develop a dominant fast mode

in the roll response. During most of the transition, which might be
characterized by the lack of such a mode, the constant gain roll atti-
tude and roll rate feedback results in a dominant mode which varies

only slightly.

Next, a yaw rate feedback loop is considered. Again, the design is

made using the approximate model and then is applied using the original
derivatives. First a cross-control from 6, to §, is considered in order
to reduce the rolling moments caused by rudder inputs. The ratio Ldr/Nar
has the following values at the four speeds indicated in Figure 9:

0.278, 0.195, 0.156, and 0.068. With a cross-control gain Ky, the
right-hand sides of the lateral equations are modified as follows:

Ys Ys Yoo Y6,*Keris
a e 8 +Kq o6 a r ‘ar Ca 8a
Léa L5r ; & LGB. L5r+Ka.rL a (14)
8
N,  Ns. |l © Ns, No.*K N5, || °r

The rolling moment due to rudder input would be eliminated if the term
Ls, + K _ Lg, was zero. The folloving values of K = -Lg /Lg
r ar Ca ar r' "0a

at the four speeds correspond to this condition: 0.214, 0.250, 0.227,
and 0.150. Instead, a constant cross-control gain Kg,. = .2 was chosen
which diminished but did not eliminate the rolling moment due to rudder
input. The following reduced values of L5r/N5r resulted: 0.019, 0.039,

0.018, and -0.023. With the same Kqy value applied using the approximate
derivatives, the poles and zeros of the J,/Gr transfer function are shown
in Figure 1k. This figure shows the conjugate complex zeros to be near
each other at all speeds. The root locus for the 73 ft/sec speed is

also plotted in Figure 1L, Based on the root loci, a relatively large
yut constant K@ feedback gain was chosen, resulting in a fast dominant
V response and bringing the poles close to the zeros.

The poles resulting from the yaw rate loop closures were used as the
basis for the roll attitude and rate feedback design. The gains calcu-
lated for predetermined locations of two of the closed-loop poles are
shown in Figure 15, together with the constant K¢, K& values chosen.



Finally, the constant K¢, Ké values indicated in Figure 15 were used

for roll attitude and rate feedback gains, with the poles of Figure 14
as open-loop poles. The block diagram of the corresponding feedback
system is shown in Figure 16. Figure 17 shows the closeu-loop poles
using a constant cross-control gain Kar = ,2, a constant yaw rate feed-

back gain K¢ = 2, and constant = 11 angle and rate feedback gains K¢

and Ké for -3 ¢+ 3j as the predetermined fast mode to be approximated.

The variation of the oscillatory mode is within a relatively confined
area. This illustrates that using the applied lcop closures leads to
relatively invariant closed-lioop dynamics in the transition region,
even though the constant gains were determined based on an approximating
model. The same principles and method can be applied to the feedback
design of other aircraft in transition,
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MODEL EXPERIMENTS WITH FEEDBACK

The Princeton University Dynamic Model Track provides a unique capability
to test free-flying models at low speeds (Reference [6]). A 0.10 scale
dynamically similar model of the XC-1L2A tilt-wing aircraft has been
tested extensively in this facility, and this model was used in the
course of an experimental program to explore the closed-loop dynamics
with a variety of feedback gains. The model angular degrees of freedou
were instrumented with potentiometers and miniature rate gyros to provide
the attitude and rate information necessary for the feedback experiments.
In addition, a tail rotcr support system was installed that allowved measure-
ment of the tail rotor thrust by means of strain gauge instrumentation.
The servos used to position the model pitch, roll, and yaw controls have
bandwidths of approximately 3 Hz. An eight-amplifier analog coxzputer

was used to provide the necessary loop closures and gain adjustments.

An additional unit with two servo multipliers was used to provide progrars
for pitching moment trim and vertical force trim. The computer and the
program servo were mounted on the dynamic carriage that fcliows the

model motions. The following model electrical signals vere avajlable at
the computer:

Wing angle Roll angle

Pitch angle Roll rate

Pitch rate Yav angle

Vertical error Yaw rate
Horizontal error rate Vertical sink rate
Flap position Lateral error rate

In addition, there wvere connections to the fcllovwing actuator servos:

Starboard collective pitch
Port collective pitch

Tail rotor collective pitch
Flap deflection

ding incidence

Starboard aileron

Port aileron

LONGITUDINAL MODEL EXPERIMENTS

in the first longitudinal test series, both one- and :wo-degrees-of-
freedom (pitching, and pitching ¢ herizontal velocity) runs were made
at hover. Trim difficulties and the observation of nonlirnear dynanic
behavior led tc a careful {nvestigation of the tail rctcr thrast
characteristics. [t was established that the tail rotor thrust vs.
collective characteristic exhibited a strongly nonlinear shape, as

13
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can dbe seen in the uncompensated portion of Figure 18. In the region of
gero thrust, the slope of the thrust vs. tail rotor pitch curve was approx-
imately 3.6 times smaller than elsewhere. The width of this portion was
not negligible; it amounted to 22 percent of the full range. The model
trim point under investigation required a tail rotor pitch that was near
a rather sharp slope change; previously-observed inconuistencies and non-
linear behavior could be attributed to this slope change characteristic.
It was established that the measured nonlinear thrust vs. blade pitch
angle wvas a characteristic of the tail rotor and was not caused by some
mechanical inadequacy. The situation was remedied for the purpose of

the test series by means of nonlinear compensation in the computer.

The characteristic of the amplifier providing the input to the tail

rotor collective servo was altered in such a way that the resultant
characteristic between the input to that amplifier and the tail rotor
thrust uppeared quite linear. Figure 18 illustrates the nonlinearity
before and after compensation by showing the distortion in tail rotor
thrust vhen a constant amplitude triangular wave input is sweeping
through the entire range. A nonlinear behavior of similar character

wvas observed on the full-scale tail rotor in the vicintiy of zero

thrust.

Some improvement in the linearity of the thrust vs. pitch characteristic
wvas obtained by "staggering" the blades so that only o.e blade had near-
zero pitch angle at a time. Although this approach improved the linearity
of the characteristic, it also made it more difficult to compensate and
vas therefore abandoned. As the final solution, the nonlinear compensa-
tion vas combined with a 3-Hz sinusoidal dither with a peak-to-peak
amplitude of approximately 3 percent of full scale. This was necessary in
order t.c remove the effect of small-scale nonlinearities which remained
even after the nonlinear compensation was applied.

In the course of preparations for three-degrees-of-freedom runs, the
need for accurate thrust adjustment became obvious, since a small
deviation from vertical equilibrium soon brought the model to the

1limit of its vertical travel. A vertical velocity integral control

wvas used in the vertical loop with the vertical velocity feedback for
stability. A tight vertical loop, however, would have interfered with
the three-degrees-of-freedom motion, almost acting as a constraint on
the motions. Therefore, the tight vertical loop closure was used in
constant-speed portions of the runs only, and before pitch release and
the actual transient test. In the standard test procedure, the model
vas first accelerated by the carriage to the trim speed; then the model
vas released vertically and horizontally, tut not in pitch. During this
period, the vertical velocity integrator control established force balance.
At the time of pitch release, the vertical loop circuit was interrupted
but the integrator maintained the proper value for vertical balance.
Immeijiately after pitch release, the input was applied to the tail rotor.
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Various flight conditions were tested at constant speeds as well as
in accelerating and decelerating flight. Pitch attitude and rate
feedback was used in all tests, and in most cases a pulse input was
applied to initiate a transient. The following gain values were
obtained by careful calibration:

Pitch attitude .295 V/deg
Pitch rate .115 V/(deg/sec)
Control moment (hover) 1.1 ft-1b/V

The moment of inertia was measured as J = 1.5k (ft-1b) / (rad/sec?);

the mechanical damping ratio in pitch was determined as g ~ .015,
X . mech

which is negligible.

The loop gain of the feedback loop closures was calculated as follows:
Pitch attitude loop gain:

'
K

o = [pitch pot calibration] x [computer gain]

15 V/rad Ke v/v

x [control effectiveness] x [1/(inertia)]
1.1 (ft-1b)/v .65 (rad/sec?)/(ft-1b)

Pitch rate loop gain:

K. = [rate gyro calibration] x [computer gain]
0 6.6 V/(rad/sec) Ké v/v

x [control effectiveness] x [1/(inertia)]
1.1 (ft=1b)/V .65 (rad/sec?)/(ft-1b)

Ké = 10.7 Ke R Ké = 4.7 Ké

where Kg, Ké are the feedback gains as set on the analog computer. The

full-scale Ké and Ké are from Reference [7], Ké = 31.8 and Ké = 6.1.

The corresponding short-period poles are -3.27 * 4.58 j. The corresponding
scaled response would have a natural frequency of approximately 3 Hz. (For
scaling information, see Reference [5].) No useful test data could be
obtained from the model at such high frequencies. Therefore, it was
decided to consider cc itrol gains for model time and to explore gain

ranges including and close to low damping. Characteristic longitudinal
runs as identified by run numbers are shown in Figures 19 through 25.
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Runs 2142, 2146, 2152, and 2158 are two-degrees-of-freedom runs in
hover. These runs map the margins in damping. Run 2142 was consider-
ed to be a desirable combination of gains for testing in order to be
able to detect differences in the response due to parameter variatious.

Run 2179 shows the unstable open-loop response in hover. In this run,
the tail rotor control was inoperative, so that neither input nor
control was applied. The smooth start of the transient is the result
of careful trim adjustments.

Run 2192 is one of the first three-degrees-of-freedom runs, near hover,
at Uy = 5 ft/sec. Compared with Run 21L2, only slightly lower damping
can be noticed.

In the course of preparations for transition testing, it was found
necessary to provide a vertical loop closure to the propeller pitch
angles B (s for "starboard") and Bp (p for "port"). For this

purpose, two-degrees-of-freedom runs (vertical and horizontal) were
made with the model locked in pitch in order to establish the necessary
B program. In Run 2207 (Figure 22), the wing rotated from 90° to 50°
in 15 seconds., and the flaps traveled 18 degrees from T4° to 56°. A
tight vertical loop held altitude in the first half of the run; all
collective angles (tail rotor, port, starboard) are shown as deviations
AB from initial values throughout this report. The range was adjusted
always sc thet the needed travel of blade angles would be within range
for the various experiments. This way the shape of the necessury B
program was established.

Run 2225 (Figure 23) was the first successful transition in which all
controls remained within range. For accurate attitude control, not
only was the pitch loop stiffened using Kg = 5, but also an integral
control was a27ded with a gain KI = 1. In this way, the tight loop

0
closures provided the proper B and Bpg time histories for this 16-
second (50-second full scale) transition with the flap program shown.

Run 2227 shows an 8-second transition with the same flap program.
Notice that no phugoid-like motion can be detected.

In Run 2243, the pitch feedback gain was lowered to Kg = 1 but the
tight vertical loop was maintained. Because of the looser control
loop, the Bpp input altered the transition noticeably.

For Run 2250, the feedback gains were lowered further to Kg = .5 and
K§ = 2.5. Figure 24 shows three runs at a fixed point in transition
with the model trimmed at a wing angle of 60°. At the beginning of

these runs, the model was accelerated to, and released at, 15 ft/sec.
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The initially tight loop gains were lowered to the test gains after

3 seconds, just before the input was applied. In Run 2253, the test
gains were Kg = .7 and Ké = 3.5. Much better damping than in hover

was obtained at this speed, as might be expected. For Run 2254, the
gains were lowered by another factor of 2. The low damping of Run 2255
resulted with Kg = .2 and Ké = 1. A tight vertical loop was maintained
throughout these runs.

The last three longitudinal runs are shown in Figure 25. Runs 2270,
2273, and 2276 were made under the most difficult test condition:
decelerating transition. In Run 2270, the model was released at

29 ft/sec and all loops were tight all the way in order to establish
the trim programs for the collective controls. It can be observed
that both controls traveled their carefully adjusted full range
during this transition.

In Run 2273, the pitch loop gains were lowered after release to Kg = .7
and Ké = 3.5, and then an input was applied; it is clear that the transi-
tion was much less under control than with all loops tight. Finally,

for Run 2276, the gains were lowered by a factor of 2. A tight vertical
loop was maintained throughout the decelerating transition runs.

The test runs shown in Figure 25 indicate that tight pitch loop

-control must be maintained, especially during the decelerating transi-

tion, even with tight altitude control, and even if the vertical degree
of freedom is virtually uncoupled.

LATERAL-DIRECTIONAL MODEL EXPERIMENTS

For the lateral-directional model experiments, the XC-1U42A model was
mounted on the "lateral carriage" described in Reference [8]. Prior
to the feedback experiments, open loop tests were conducted. The
results of these experiments are reported in Reference [9].

The analog computer described earlier was used to provide the loop
closures. The voltage calibrations of the model variables yielded
the following values:

Roll angle .22 V/deg

Yaw angle .12 V/deg

Roll rate _ .32 V/deg/sec
Yaw rate .32 V/deg/sec
Aileron effectiveness 11.6 deg/sec?/V
Differential collective effectiveness 37 deg/sec?/V
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Because of the limited time available for the lateral-directional feed-
back experiments, the scope of this test series had to be somewhat limit-
ed. A mid-transition configuration was tested at three steady speeds:

at trim speed and at one higher and one lover speed, the latter two
being reprecentative of decelerating and accelerating fixed points in
transition since in an actual transition the airspeed is always higher

or lowver, respectively, than the trim speed which corresponds to the
ving e at any instant. The wing and flap angles chosen were

i, = 40° and 6, = 60°. The three test points were:

Trim Decel. Acc.
Model velocity U, (ft/sec) 18.6 30.0 15.0
Full-scale velocity (ft/sec) 58.7 9L.T 47.3
Collective pitch B (deg) 13.5 10.7 15.4

At this wving angle, a differential collective input causes both rolling
and yaving moments. Therefore, a cross-control from the differential

collective to the ailerons was employed and the gain of this electronic
link wvas a test variable.

The feedback gains used in the tests were referenced to gain values
vhich corresponded to full-scale feedback g2ins as obtained from
Reference (7). These values of roll attitude, roll rate, and yaw
rate gains and the correspondirg model gains calculated with the
proper factor are given below:

Kols, Koy M

(1/sec?) (1l/sec) (1/sec)
Ful. scale 3.3 3.3 2.0
Model 33.0 10.4 6.3

The feedback gains used in the model tests were expressed in terms of
fractions of these gains and are identified as 1/4 f.s, 1/8 f.s., for
example. The high gains which correspond to the full-scale values
result in a rtable configuration. These gains, and a tight pitch
attitude loop closure vwith pitch integral added, were used at the
beginning of free flight in each run after the model had attained
speed and wvas released in roll, yaw, side velocity, and pitch.

After a fev seconds, vhen the model was settled in its trimmed
equilibrium, the roll and yaw attitude and rate gains were switched
to their test values and a well-defined input pulse was applied.

The tight loop closures were also used to establish the aileron bias
setting vhich was to assure that the undisturbed model would move
along the track, remaining close to the center of its limited lateral
travel.
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The three loop closures used in the test series were roll attitude
and roll rate to differential collective and yaw rate to ailerons.
In order to establish the ideal cross-control gain from differ-
ential collective to ailerons, the model was locked in roll.
Differential collective inputs were applied in a series of runs
resulting in various yaw rates depending on the cross-control gain
setting. The perfect value, KaB = 0.18, was found by interpolation.
Besides the perfect value, twice this value and zero were used as
variations of this parameter. Characteristic lateral runs are

shown in Figures 26 through 31.

Run LL8 shows the tightness of the control loops with the 1 f.s.
gain values and perfect aileron uncoupling. Because of the tight
feedback loops the shape of the input pulse is followed by the roll
angle with only a very small lag, and no other transient motion
occurs. Run L49 differs from the preceding one only in Kgg = 0
instead of 0.18; there is no noticeable difference because the
tight ysw rate loop closure makes the control coupling ineffective.
This is verified by Run 450, in which the yaw rate feedback was
zero. The pronounced effect of the control coupling shows in the

y response.

Run 46T (Figure 27) was made with 1/4 f.s. feedback gain settings,

and for Run 470 the gains were reduced further to 1/8 f.s. Runs

471 and LTS5 are the seme but with K,g = O and K,g = 0.36 respectively;
the effect of the NGB control coupl?ng is quite marked because of the

reduced yaw rate feedback.

Runs 477 and 478 in Figure 28 were made with no roll attitude
feedback and with reduced rate feedbacks. , was 1/8 f.s. in

both cases; K$ was 1/4 f.s. and 1/8 f.s. respectively. There is no
marked difference between these two runs except that the reduced
tightness of the roll rate loop shows somewhat in Run U478, Kq.g

was 0.18 in both of these runs. In an attempt to excite the
oscillatory mode, an aileron input was applied in Run 490 in which
a large yaw rate gain (1 f.s.) was used with only a relatively
small Ké = 1/4 f.s. for marginal stability.

The runs described so far were made at the trim speed U, = 18.6 ft/sec.
The following runs were made at U, = 30 ft/sec, corresponding to a
fixed decelerating condition (Figure 29).

Run 506 was made with tight roll rate feedback only (K¢ =1 f.5.).

This run again clearly shows that without yaw rate feedback the N58
control coupling has a very strong effect.
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Runs 507 and 508 were made with the same reduced feedback gains of
1/4 f.s. and 1/8 f.s., respectively, as were Runs 467 and 470 at
trim speed. There are two noticeable differences. The damping of
the dominant roll response is somewhat reduced but seems still
quite acceptable, and there is a marked difference in the control

coupling, indicating a significant deviation of NGB from the trim
speed value.

Run 511 corresponds to Run 475. Run 516 was made with the same
gains as run 478.

In Figure 30, two runs with aileron inputs are shown both with
the same gains but Run 485 at trim speed (U, = 18.6 ft/sec) and
Run 518 at the fixed decelerating condition (U, = 30 ft/sec),
with a marked Dutch roll mode being excited at the higher speed.

The last group of runs was made at Uy = 15 ft/sec, corresponding to

a fixed accelerating condition. Run 541 (Figure 31) is to be compared
with the low gain (1/8 f.s.) Run 478. An increase in damping is
indicated by the much smoother responses. The improvement was
sufficient to produce a long run without hitting any stops.

Run 542 corresponds to Run 477 with no marked difference showing.
Similarly, Runs 543, 5Llb, 545, and 546 are hardly distinguishable
from the corresponding trim velocity Runs 475, 471, 4TO, and 46T
except for an indication of a somewhat more stable spiral mode.

The comparisons of the fixed accelerating and decelerating
conditions indicate the apparent destablizing effect of decelera-
tion more than a stabilizing effect of acceleration. The most
marked difference is in the cross-control coupling N58 between

trim speed and the deceleration condition. Deviations due to
acceleration-deceleration can be diminished if large constant
feedback gains are used. Adequate stability could be achieved
with smaller gains if these were programmed to compensate for
deceleration as well as airspeed effects.
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CONCLUSIONS

1. The transition region of VTOL aircraft can generally be charac-
terized by a lack of a short-period longitudinal mode. Such a mode
can be created by applying attitude and attitude rate feedback.

A short-period pole pair which remains in the viecinity of its
desired location can be produced using constant gains throughout
the hover and transition region.

2. The feedback gains can be determined using an approximate
stability derivative model for the transition region. Accurate
knowledge of the often complicated behavior of stability and control
derivatives in this regicn is not necessary for a satisfactory long-
itudinal anc lateral feedback design.

3. The problem of control cross-coupling from roll to yaw can be
practically eliminated by using a high gain yaw rate feedback loop,
so that artificial control cross-coupling may be unnecessary.

k., Free-flying model experiments showed that tight loop closures
must be used in decelerating transition in order to make the closed-
loop dynamics relatively independent of the amount of deceleration
used.
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Figure 1. Characteristic Roots of the Tilt-Wing VHR-LLT
Tri-Service VTOL Aircraft.
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