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CONVAIR SCIENTIFIC RESEARCH LABORATORY 

K RESEARCH NOTE I 

STAGNATION POINT HEAT TRANSFER FOR HYPERSONIC FLOW 

Mary F. Romig 

SUMMARY 

A design method is given for obtaining stagnation point heat transfer 

on a spherical nose in hypersonic flow.  The heat transfer equation incor- 

porates real gas effects through use of dissociated air properties and 

a fitted curve for the stagnation point velocity gradient.  Comparison 

with numerical solutions of the compressible dissociated stagnation point 

heat transfer indicates agreement within - 5%.  The derived equation for 

heat transfer is a function only of free stream Mach number, free stream 

pressure and body nose radius. 

SYMBOLS 

C  • constant in heat transfer equation (Eq. (1) ) 
h  • enthalpy 

i  « dimensionless enthalpy « h/h 
B 

i* * dimensionless reference enthalpy (Eq. (3) ) 

k * ratio of free stream density to density behind the normal shock 

M • Mach number 

p « pressure 

Pr » Prandtl number « viscosity x specific heat/thermal conductivity 

q • compressible stagnation heat transfer rate 

Q « the ratio q/ \J   u0'' 

R„ » radius of the nose 
N • ' -'.,-. 3-:: c-t 

R  - gas constant _  and 

s  * surface distance around nose ' *  J'-jn 

T  - temperature 

u  * velocity 

u'    - velocity gradient - du/ds m,i:  SMSD 
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Greek 

7  » ratio of specific heats 

X  - factor in heat transfer equation (Eq. (13) ) 

[i      •» viscosity 

p  • density 

Subscripts 

oo "  free stream 

o  * stagnation 

w  - wall 

B  - base (at Tß - 400
#X) 

i  - incompressible 

Superscript 

*  • quantity evaluated at reference enthalpy 

ANALYSIS 

The equations presented in this note are the result of a semi- 

empiricai approach to the problem of determining stagnation point heat 

transfer. This approach arose from the fact that no closed exact 

solution exists for the differential equations determining the compres- 

sible flow heat transfer at the stagnation point.  It has long been 

the practice (see e.g., Ref. 1) of aerodynamicists to modify the well- 

verified incompressible flow boundary layer heat transfer equationsso 

they could be used for compressible flow. 

Consider the incompressible stagnation point heat transfer equation, 
2 

given by Sibulkin 

qt - C NTPTT VTUT  (h. - V Ü) 

where C - 0.763 for Pr - 1. 

An incompressible flow heat transfer equation can be used to obtain 

compressible flow heat transfer if It is possible to account for the 

effects of compressibility on the air property values (pn) and the 

stagnation point velocity gradient (uj).  In the discussion following, 
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these two problems are treated separately since the velocity gradient may 

be determined without reference to the boundary layer equations. 

Various temperature levels have been suggested at which to evaluate 

the properties pu. Among them are the wall temperature, the stream 

temperature, or an ave~~:" temperature.  The wot approximation to flat 

plate compressible heat transfer has been obtained by evaluating pu at 

a "reference temperature", which is a function of local Mach number and 

wall-to-stream temperature ratio. A complete discussion of this technique, 

beyond the scope of this paper, may be found in Ref. 1. 

It has been well established that compressibility effects for flat 

plate laminar flow can be introduced through use of such a reference 

temperature. It is assumed that this method will apply to stagnation 

point flow as well. If it is further assumed that real gas effects are 

included through use of a reference enthalpy, rather than a reference 

temperature, and the proper air properties, then Eq. (1) may be used 

to determine stagnation point heat transfer in hypersonic flow.  It will 

be seen later that there is some evidence to support these assumptions. 

In order to simplify the analysis several further assumptions will 

be made.  These may be modified without invalidating the following 

development. 

(1) Newtonian flow equations are used for surface pressure and 

stagnation point velocity gradient 

(2) HJ>1  and h0>} h , i.e., the wall is cool compared to the stream 

(3) Pr - 1 

If assumptions (2) and (3) are changed, the analysis presented here 

can be applied to supersonic flow as low as M * 3.  The curve-fitted 
00 

equations  shown  later for u0' and p|j also permit  this extension. 
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the following assumptions are less subject to modification. 

(4) Free stream temperature T - 400*R » T_ 
00 D 

(5) The body shape In the stagnation region is spherical. 

Li though assumption  (4)  grr.atly simplifies the final equations It was 

chosen primarily so  that the normal shock solution of Ref.  6 could be 

utilized for the velocity gradient.    It Is not known at the present time 

how large an effect the change of Initial  temperature would have on the 

normal shock solution. 

On the basis of these assumptions,   the compressible stagnation point 

heat transfer becomes 

q - 0.763 \Tp*u*   füT k. W 

for h/personic flow.  The dlmenslonless reference enthalpy, defined in 

Ref. 1, reduces to 

1* - 0.5 (1 + 1 ) 
o   w 

at the  stagnation point.    From assumption  (2) 

1* - 0.5  i (3) o 

where  1 • h/h  . 
B 

The stagnation enthalpy, determined from free stream conditions, is 

K y    '  l      9 
h        I oo 
00 

For h    - h_   (assumption (A)  and M  •>? 1, 
co B °° 

7oo   •   l      2 
1    - -**— M2 (4) 

O L oo 
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and, from Eq. (3), for y   • 1.4, 
X 

i* - 0.1 M2 (5) 
00 

so that Bq. (2) becomes (for r^ - 96.8 BTU/lb) 

J 
q - 0.763 x 96.8 x 0.2 NTDV? J~~UT M2) (6) 

Examination of Eqs. (5) and (6) shows it would be desirable to express 

p*u* (or 1*) and uj as functions of given (free stream) conditions. It 

is possible to do this through use of fitted curves and assumptions (l)-(5). 

The Air Properties 

For moderate supersonic Mach numbers the values of p*u* to be used 

in Eq. (6) are comparatively well-defined. As the air temperature increases 

with speed, however, the various constituents become dissociated and com- 

plex chemical reactions occur.  In this analysis the air will be assumed 

to be in dissociation equilibrium.  The density and viscosity selected for 

use in this analysis are associated with the most recent complete set of 
3 

air properties . While the thermal properties (p, T, p, h) have subse- 
4 

quently been revised the transport properties have yet to be computed.  It 

is suggested that when new transport properties become available they be 

incorporated into the analysis in a manner similar to the following procedure 

Fig. 1 shows the variation of pu/p u^ with enthalpy.  The pressure 

dependency of density is incorporated into the base density by the 

expression 

m  p(local) 
PB     RT 

where T * 400°R. The variation of pu/p_u_ with pressure due to dissociation 
O DO 

is slight (within - 67. from 0.1* i0 atmospheres) so the curve for p • J 
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atmosphere is plotted in Fig. 1. A good approximation to the curve of 

Pig. 1 is given by 

,,,-.28 
PH - PBHB (O 

or,  in this particular case,   from Eq.  (5), 

p*u* - 1.9 PB^OO"'
56 (7) 

How, the above equation is still a function of local flow properties 

through the density p . The local pressure, in this case the stagna- 

tion pressure, can be removed through use of the Newtonian flow 

approximation at hypersonic Mach numbers (Ref. 7, p.265), 

p -p +7 Mps37 M p 
O     oo     CO  CO  oo     oooooo 

so that 

**  Ia97^B   „1.44 
P*H* - -Ji P^ M^ (8) 

B 

The Velocity Gradient 

The stagnation point velocity gradient for hypersonic flow on a 

sphere can be given by the constant-density Newtonian flow approximation 

developed by Li and Geiger 

u« " Jl  \J k(2 - k)' (9) 
*N 

where k is th* ratio of free stream density to density behind the normal 

shock. Values of v k(2 - k) are givei in Fig. 2 for the normal shock 

solution of Ref. 0, which is based on the recent air properties of Ref. 4 

Fig. ?  shows that uj can be approximated by 
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u, . V   ^oy-.» . <LL {TK „.768 (l0) 

neglecting the variation In \J k(2 - k) with free stream pressure.    The 

curve given by Eq.   (10) also agrees with the low speed test data of Ref. 5 

Another method of obtaining u;  for hypersonic flow Is to consider use 

of an effective y rather than use of real gas air properties.    Lees 

auggtats  the  formula,  which at  high Mach numbers reduces  to 

u    r=—r» 
-2  J 2LJLi (11) I    /s/ 

where y  is suggested to vary between 1.1 - 1.2 for high temperature flow. 

This equation is also shown in Fig. 2 for y»  1.1, 1.2 and 1.4. It can 

be seen that using a constant value of y  restricts the formula for u0' 

to a given Mach number region. For this reason Eq. (10), which is 

applicable over a wide range of Mach numbers, is recommended for general 

use. In specific instances where the Mach number range permits use of 

a constant 7, Eq. (11) is recommended on the basis of its simplicity. 

Stagnation Point Heat Transfer 

The use of Eqs. (8) and (10) now allow the heat transfer, Eq. (6), 

to be expressed solely as a function of free stream Mach number, pressure 

and nose radius.  After the constants are evaluated, with T - T « 400°R, 
oo    B 

then 

q - 0.0145 M3,1   roo (12) 
00  \  

The restrictions on Eq. (12) are that M » I. the wall is much cooler than 
00 

the stagnation point air and free stream temperature T • 400*R.  These 

conditions could correspond to hypersonic flight in the isothermal 

altitudes. 
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COMPARISON WITH OTHER SOLUTIONS 

Unfortunately, we cannot present an experimental comparison for Eq. (12) 

since existing test data in this flight regime are classified.  In most cases 

of numerical solutions for the compressible stagnation point the determina- 

tion of pu and ul  are left in the equation as parameters to be determined 

by the reader.  Thus, the only verification cf Eq. (12) which can be offered 

is to check the validity of the use of a reference enthalpy, i.e., to deter- 

mine how well the method approximates the conditions of compressibility and 

dissociation. 

The reference enthalpy method can be tested in this way by inserting 

the curve-fitted equation for p*u* (Eq. (7) ) into the heat transfer 
Q 

equation (Eq. (2) ) and comparing with the numerical solution of Mark . 

This solution of the compressible stagnation point boundary layer equations 

include use of the dissociated air properties of Ref. 3.  In Mark's equation» 

q „(VWVB       A •J<l«? ho J  <W 

where X i a function of the shear stress, was determined by numerical 

integration of the boundary layer equations. Eq. (2) can be written 

q -fl.052 *l'2*}f?   hQ f^ft 

The terms in brackets should compare and will indicate the effectiveness of 

the reference enthalpy in approximating compressible heat transfer.  The 

ratio 

1(1.)    l-052(Mj-28Prw JV./Ptfi,' 

is plotted in Fig. 3 for the range of flight velocities covered by Ref. 8. 

The agreement is within - .57. for the three wall temperature values given 

by Mark.  This tends to substantiate the assumptions made previously that 

the reference enthalpy method can be used at the stagnation point, and 
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furthermore that it accounts for real g&s effects on the compressible 

boundary layer. 

Another calculation -which can be made points out the effects of 

compressibility and dissociation on the stagnation point boundary layer 

heat transfer.    A plot of such a calculation also offers a simple graphical 

method of obtaining heat  transfer from a standard solution.    The function 

Q - q/ yuj can be determined from Sqs.  (2) and (7) for compressible flow. 

The incompressible Q    - q./yu]  is given in Eq.   (1),  evaluated at a given 

wall  temperature T  .     The ratio 

(Ü9<M) -.28 

Qi     i VWVB 
(14) 

ie plotted in Fig. 4 for T - 2000*R. It indicates the effect of compressi- 

bility and dissociation on the boundary layer. Since Q is comparatively 

easy to evaluate, Fig. 4 presents a rapid method of obtaining Q, which with 

Eq. (10), gives the value of compressible heat transfer. 

It can be seen in Fig. 4 that evaluation of the air propertief at 

the wall conditions could overestimate heat transfer by as much as 30% 

at Mach 20. Since Eq. (1) is sometimes used to obtain engineering estimates 

the possible error induced should be kept in mind. 

REFERENCES 

1. Eckert, E. R. G., "Survey on Heat Transfer at High Speeds". Wright 

Air Development Center Technical Report 54-70, 1954. 

See also: Romig, Mary F., "The Reference Temperature Method for 

Calculating Skin Friction and Heat Transfer in Compressible Flow", 

Convalr Memo A-Atlas-151, Dec. 1954. 

2. Sibulkin, M., "Heat Transfer Near the Forward Stagnation Point of a 

Body of Revolution". Journal of the Aeronautical Sciences, Vol. 19, 

1952, p.570-571, August 1952. 



-10- 

3. Romig, Mary F., and Dore, Frank J., "Solutions of the Compressible Laminar 

Boundary Layer Including the Case of a Dissociated Free Stream", 

Convair Report ZA-7-012, 1954. 

4. Hilaenrath, Joseph,and Beckett, Charles V.« "Thermodynamic Properties 

of Argon-Free Air (0.178847 N2, 0.21153 02> to 15,000
#K", National 

Bureau cf Standards Report 3991, 1955. 

5. Li, Ting-Yi, and Geiger, Richard, "Stagnation Point of a Blunt Body in 

Hypersonic Flow", presented at the IAS 24th Annual Meeting, Preprint 

No. 629, 1956. 

6. Romig, Mary F., "The Normal Shock Solution for Air in Dissociation 

Equilibrium": Journal of the Aeronautical Sciences, Vol. 23, 1956, 

p.185-186, Feb. 1956. 

7. Lees, Lester, "Laminar Heat Transfer over Blunt-Nosed Bodies at Hypersonic 

Flight Speeds", Jet Propulsion, Vol. 26, 1956, p.259-269, April 1956. 

8. Mark, R. M., "Compressible Laminar Heat Transfer Near the Stagnation 

Point of Blunt Bodies of Revolution", Convair Report ZA-7-016, 1955. 



I*— 

PROp.aCT-.QF    Dgjhi5lTY   AND    \/.'5COStT 
LbLLD±mQCl4sTLQt>L. -E-QJJXliiaRLÜLM 

<o eo 



STAGNATION   POINT  VELOCTY   GRADIENT 
•        i  . i   i       .        >.    .i —— 

r-  - :Q _ ^£.5T_bATA [FROM! RfeF.l5   ;—i— ; !- 
T(K   -   406°R 

t - 

FIG. 2 

£>>- -a-  
J f '   <0 

v_ **e. & 
r5* 2^ £5 





*" u 
0- 

0 « -  » 


