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FOREWORD 

The final report on th« LFC Design Data for the X-21A 
denonttration airplane,  Contract AF 33(657)-13930, is a revision 
of Report NOR 61-141, "Laminar Flow Control Demonstration Pro- 
gram, Final Report - LFC Design Data," Contract AF 33(600)- 
42052, April 1964.    The revision is the addition of new technical 
information that resulted from the continuation of the program 
beyond the April 1964 date, and retains all pertinent data from 
the earlier report. 

The report embraces several different technologies or 
disciplines:  external aerodynamics, boundary layer theory,  inter- 
nal aerodynamics, propulsion, miscellaneous LFC design criteria, 
aircraft performance, and structural design and analysis.    The 
report sunmarites the present state-of-the-art in LFC aircraft 
design and serves as a basis for future effort in this field of 
development. 
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INTRODUCTION 

In August 1960, Northrop Norair was awarded a United States Air Force contract 
to modify two WB-66 aircraft to a configuration subsequently designated X-21A, 
incorporating laminar flow control (LFC) on the wings.    The primary objectives 
were to demonstrate the technical feasibility and practicality of the design, 
manufacture, operation and maintenance of a  laminar flow control aircraft 
system; and to provide data for direct application to the design of future LFC 
aircraft, using technologies developed by Northrop Norair in previous Air 
Force research contracts.    The modification of the WB-66 Involved removal of 
the wings and replacing them with laminar flow control wings,  replacement of 
the propulsion engines with pylon-mounted YJ79-GE-13 engines on the aft fuse- 
lage,  the installation of LFC suction compressors in pods mounted under the 
wing, and the modification of the fuselage required by the wing and engine 
replacement. 

The engineering development of the X-21A required the integration of the 
technologies used in the design of high subsonic aircraft with laminar flow 
control technologies.    This required the aerodynamic development of airfoil 
sections so as to establish favorable chordwise and spanwise distributions of 
pressure, the development of a suction system throughout the wing, and the 
development of efficient structure to accommodate the passage of air from the 
boundary layer to the suction compressors. 

This report presents a description of the engineering methods and procedures 
used to make the LFC modification (the X-21A airplane); and It Includes Improve- 
ments, such as wing nose modifications,  that were developed in the X-21A flight 
teat programs.    The LFC suction surface design, as modified for the second 
f8M 55*4L0*) airplane, provided almost total   lamlnarlsatlon of the wing upper . 
suction surface In the cruise flight condition, v 

The engineering methods and procedures described Vre reconmended as the basis 
for design of future laminar flow control aircraft».   It Is probable that 
additional research investigations could be helpful un further improving LFC 
Performance, with the subject of most Interest being the reduction of boundary 
layer disturbances generated in the wing nose region of aircraft as large as, 
or larger than, the X-21A. 

The report is divided into 15 sections, each of which covers a specific design 
consideration for the X-21A airplane.    Bach section has its own list of symbols, 
to minimise the confusion of duplication of symbols among the various tech- 
nologies represented in the report. 

To aid in introducing the X-21A airplane and its LFC performance,  the following 
figures, summarising data through 1965, are included in the introductions 

1.1 General Arrengement - X-21A 

1.2 Plight Envelope - LFC Investigation 

1.3 Step»by-8tep Growth in Laminar Area Throughout Program 

1.4 Laminar Flow Area - 1965 
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CONCEPT OF LFC BY SUCTION AND THEORETICAL 
BACKGROUND.   INCLUDING BOUNDARY LAYER 

STABILITY CRITERIA 
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1.1  INTKODÜCTION 

Laminar flow control (LFC) is the reduction in wake drag of an aero- 
dynamic surface by laminar!zation of the boundary layer through with- 
drawal of small quantities of boundary layer air by suction. It is 
found that the force equivalent of the energy expended in pumping the 
boundary layer air to free stream velocity, when added to the wake 
drag of the now laminar boundary layer, is a much smaller quantity 
than the drag of the same wing without LFC. This section of the 
report discusses the principles of maintaining the boundary layer in 
a condition of laminar flow from the leading to the trailing edges of 
a wing at large Reynolds numbers. The individual problems with cross- 
flow and tangential flow will be considered together with the special 
problem of stability within the stagnation zone on a swept wing. The 
criteria used for establishing the optimum suction distribution are 
discussed together with factors which will minimize the required 
suction. 

This section discusses only the problems of laminar flow on wings and 
empennage. It is considered that the iaminarization of fuselages and 
nacelles is not yet at a stage of development sufficiently advanced to 
recommend that it be used on current aircraft. 

1.2  CONCEPT OF STABILITY IN THE LAMINAR BOUNDARY LAYER 

The determination of whether a given boundary layer will remain laminar 
as it proceeds across the wing surface is dependent upon the shape of 
the boundary layer velocity profiles. If conditions are such that a 
flow disturbance will amplify, then instability exists. Typical dis- 
turbances are surface roughness, pressure fluctuations through the slots, 
surface vibration and sound. Even though there is an unstable profile 
at a given point in the stream, disturbances which are small relative to 
the boundary layer thickness may amplify only slowly. That it, transi- 
tion may not occur for some distance behind the instability. However, 
in the general case, if critical conditions are exceeded it must be 
assumed that transition will occur. 

It has been an impression among aerodynamiclsts that a chordwise 
gradient of decreasing pressure will exert a stabilising Influence on 
the boundary layer of a wing and delay transition. However, consider- 
ing the case of the swept wing, one discovers that this criterion alone 
no longer governs. In fact, transition occur* at high Reynolds numbers 
very far forward on the leading edge in spite of the existence of a 
•o-called "favorable** pressure gradient. Crossflow develops in the 
boundary layer quite far forward on the wing and the shape of the 
boundary layer crossflow profile leads to instability. 

. 
. 
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The crossf low velocity at any point within the boundary layer is the component 
of the local velocity vector which is normal to the potential flow vector 
just outside the boundary layer. The potential flow vector changes in 
direction continuously as it leaves the leading edge and passes across the 
wing. 

Figure l.l shows the three-dimensional boundary layer profile of a 
swept wing. One sees the familiar'tangential profile at right angles to 
the crossflow profile, and the vector sum of these two. 

There is little tendency of the boundary layer flow on a straight wing 
to be deflected either inboard or outboard, and hence little crossflow 
exists. By use of airfoil sections which exhibit the "favorable" pressure 
gradient forward of mid-chord it is possible to maintain a laminar 
boundary layer over considerable portions of its chord by.careful smoothing. 
On a swept wing smoothing alone cannot prevent transition near the leading 
edge. 

Figure 1.2 shows the path of a potential flaw streamline as it passes across 
a swept wing. As it reaches the leading edge it is innedlately deflected 
outward and depending upon the sharpness of the leading edge it turns 
rapidly through almost 90° and moves inboard. This is because it now sees 
a cross-streamwise pressure gradient with lower pressure inboard. As it moves 
aft it encounters an opposite pressure gradient and is thus moved outboard. 
The paths of the streamlines inside of the boundary layer follow the same 
general excursions, but because of their relatively slower velocities and 
reduced centrifugal forces their angular deflections (under the influence 
of the cross-streanwise pressure gradients) are greater. 

Figure 1.3 shows the chordwise distribution of pressure for two types of 
airfoils, one in which the forward and aft pressure gradients are steep, 
and one in which the gradients are shallow. The former is preferred for 
a high subsonic LFC wing for two reasons. It provides more lift for a given 
maximue negative pressure and it provides a shorter region of crossflow. 
Furthermore, the chordwise distribution of pressure should be nearly constant 
along the span to provide straight isobars along the wing elenent lines. 
Figure 1.4 shows an isobar diagram for a conventional subsonic transport 
swept wing. Isobars not parallel to the wing element lines indicate varying 
spanwlse conditions of pressure and crossflow. Local increases in isobar 
sweep such as those which usually occur near the leading edge of the wing 
tip and wing root are accompanied by significantly increased crossf low. 

Exampleg of crossf low profiles for various positions along the chord 
•f a 33 swept laminar flow control wing are shown in Figure 1,5. These 
curvet are calculated from a knowledge of pressure distribution, geometrical 
characteristics and freestream conditions. Experimental determination of 
crosstlow profiles would be extremely tedious and is found unnecessary 
because of the high degree of accuracy of their prediction by analysis. 
In this figure the crossf low velocity (n) is ratioad to the flow velocity at 
infinity (U»). The height of the boundary layer above the surface is represented 
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by the ratio y/c multiplied by the square root of the chord Reynolds number. 
One sees that at the leading edge the boundary layer is quite thin but the 
crossflow velocity in the negative direction (that is, toward the fuselage) 
is quite high. In the mid-chord region the crossflow velocity is small 
but further aft in the region of the rear pressure rise it again builds 
up to large magnitudes. This is coupled with large boundary layer thickness. 
The crossflow Reynolds number, defined as the product of the maximum 
crossflow velocity and the height of the boundary layer (to the point at 
which crossf low returns to 1/10 of its maximum value) divided by local 
kinematic viscosity, is a large number at positions very close to the 
leading edge and over a substantial portion of the rear part of the wing. 

The influence of suction in preventing transition on a wing at high chord 
Reynolds numbers is to reduce the boundary layer thickness and the maximum 
crossflow Reynolds number in the boundary layer. At first thought one 
might consider the simplest LFC system to be one in which the suction 
distribution was maintained constant across the chord. However, there are 
two reasons for not following this system. The first is, of course, 
that efficiency is of prime concern to an LFC system, and In order to attain 
the necessary boundary layer stability at critical positions along the chord, 
■ore suction than necessary would have to be applied over the remainder. 
The second reason is that this very oversuction can be troublesome from 
the standpoint of required wing smoothness. That is, the greater the suction, 
the thinner the boundary layer becomes and with excessive suction the wing 
smoothness must be near-perfect. 

This, then, brings up the problem of determining for all points along 
the chord the proper amount of suction assuming a continuous suction surface. 
In practice, the correct suction distribution is determined on the basis 
of local boundary layer stability. Reference 1 contains an excellent 
discussion of the concept of boundary layer stability and of the critical 
crossflow velocities tolerable on a swept wing. Reference 1 shows that the 
critical crossflow Reynolds numbers obtained experimentally usually exceed 
the minimum values predicted by theory. (The term "minimum" is used because 
the theory computes the neutral crossflow stability limits for a range of 
disturbance frequencies. The "minimum" limit pertains to the frequency 
giving the lowest critical crossflow Reynolds number.) In general, the 
experimentally tolerable crossflow Reynolds numbers are of the order of 
eighty percent higher than the theoretical minimum limiting values. The 
eighty percent factor is not precise and is itself somewhat related to the 
chordwise pressure distribution. For the practical design of the LFC wing, 
the limiting crossflow Reynolds numbers are based on theoretical calculations 
which then are scaled up by a factor based on experimental results. The use 
of the eighty percent factor as a constant has bean found to give accurate 
estimates of the total suction requirement for an airfoil, but usually some 
minor adjustments of the chordwise suction distribution are required. 

. 
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The theory shows that the minimum crossflow stability limit Reynolds number 
becomes greater in direct proportion to negative increases in the second 
derivative of the crossf low profile at the wall. Calculations of the 
crossflow stability limit Reynolds number on swept laminar suction wings 
have shown considerably higher stability limit Reynolds numbers for the 
crossf low in the region of the rear pressure rise where the maximum 
crossflow velocity occurs relatively close to the wing surface, i.e., 
where the second derivative of crossflow velocity at the wall has larger 
negative values than in the leading edge regions. Figure 1.6 shows this 
relationship. This plot shows that the theoretical minimum stability 
limit crossflow Reynolds number has a value of about 60 when the shape of 
the non-dimensionalized crossf low profile at the wall is flat. As the 
curvature of the profile increases so does the stability limit. 

This, then, is the primary criterion which is used for evaluating the 
suction quantity and distribution which oust be generated by the suction 
system on swept LFC wings. The specific procedures involved in computing 
the suction are discussed in another portion of this report. However, the 
general process is to calculate the boundary layer characteristics with an 
assumed suction distribution and to compare the actual crossf low Reynolds 
numbers with the stability limit values. In this way, the need for increasing 
or decreasing the suction can be seen. This is done numerically by using 
suitable programs on high speed digital computers. 

1.3 STRAIGHT WINGS VERSUS SWEPT WINGS - LEADING EDGE FLOW AND CROSSFL0W 

Another factor making it more difficult to maintain a laminar boundary 
layer on a swept wing than on a straight wing at the same chord Reynolds 
number is associated with the attachment line* flow at the leading edge. 
Research in the early 1950*8 disclosed that flow disturbances at the leading 
edge of a swept wing could propagate spanwise over major portions of the 
wing. This would cause turbulence everywhere downstream of the contaminated 
leading edge area. 

To gain an understanding of the phenomenon, consider a point-disturbance 
located at some position aft of the leading edge in a laminar boundary 
layer. Turbulence will be generated in a wedge approximately 14° wide 
which is centered on the potential flow streamline passing through the 
point of origin. The effect of a disturbance in the region of the attachment 
line is much more serious than the same disturbance further aft unless 

* Following the practice of Reference 3, the "attachment line" in the 
sense used here is the "stagnation" line for the swept wing leading edge, 
being the locus of those points along the wing leading edge at which the 
potential flow velocity has no component on the plane perpendicular to 
the wing leading edge sweep angle at those points. Fluid elements 
Impacting on this line move In a spanwise direction only. Fluid elements 
impecting Just above or below this line describe a path such that they 
eventually traverse the upper or lower surface of the wing, respectively. 
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special measures have been taken. It is found that a point disturbance 
so located on a wing with large leading edge radius may travel long 
distances along the leading edge, with turbulent streaming aft for the 
entire length of the contaminated leading edge area. 

This phenomenon was found to explain the inability to obtain laminar 
boundary layers over the inboard wing of the X-21A during early flight 
tests of that aircraft. Laminar flow was experienced in the outer 
third of the wing semispan and occasionally over the middle third, 
but never over the inboard third, that is, inboard of the pumping pod. 

The inner region is, of course, one with much larger leading edge radius 
than elsewhere. Figure 1.7 shows the pattern formed on the surface of 
an otherwise laminar wing behind a point-disturbance which is located 
off the attachment line. Figure 1.8 is a view looking aft at the lead- 
ing edge of a swept wing showing the effect of the spanwise propagation 
of a disturbance located directly on the attachment line. In this case 
a turbulent wedge is formed as before, but its apex straddles the stag- 
nation line, and so the disturbance spreads spanwise. Depending upon 
the leading edge radius, the unit Reynolds number and the location of 
the disturbance, the turbulence spreads outboard along the span in an 
increasingly wide pattern with increasing unit Reynolds number, as 
indicated in Figure 1.9. 

A stagnation sons may be defined such that a point disturbance within 
it will cause spanwise contamination of the wing. Consider traversing 
the wing surface in a direction normal to the attachment line until a 
point is reached at which the streamline direction is 10° divergent 
from the attachment line. Twice the distance of that traverse may be 
taken to define the width of such a stagnation sons. 

Preliminary indications from wind tunnel tests of a 33° swept two- 
dimensional large scale model are that the boundary of the turbulent 
wedge nearest to the attachment line may be less than 10° from its 
streamline of origin. It was found possible in this test to locate a 
disturbance on one side of the attachment line such that spanwise 
contamination would occur only on that side of the wing, with no 
influence on the opposite surface. Thus, it is possible to cause 
spanwise contamination on only the upper surface or only on the lower 
surface, depending upon the position of the disturbance above or below 
the attachment line. 

Prior to the aforementioned wind tunnel test« in late 1963 at Horthrop 
Mccair, little was known about the characteristics of the spanwise 
growth of the turbulence along the span of a swept wing. These tests 
showed that instead of an abrupt spanwise contamination at a critical 
Reynolds number, the spanwise growth was gradual. 

■ 
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Northrop Norair's wind tunnel tests, as well as X-21A flight tests, have 
verified that rather extensive laminar flow up to high length Reynolds 
number can be established when an undisturbed laminar stagnation line 
boundary layer has been obtained. 

Reference 3 points out that in order to establish an undisturbed laminar 
attachment line boundary layer on swept wings, it is essential to mini- 
mise disturbances which may cause turbulent bursts at the front attach- 
ment line, and to reduce the boundary layer momentum thickness Reynolds 
number R^ at the front attachment line to sufficiently low values. 
(RQ$ 150 for very snail disturbances and R^lOO for large disturbances.) 

Increasingly higher values of the attachment momentum thickness Reynolds 
numbers, upwards of 200 as stated in References 4 and 5, might be possible 
under absence of freestream microscale turbulence, provided other finite 
disturbances have been eliminated. 

These values of RQ (100 - 150) can be considered typical for the maximum 
allowable momentum thickness Reynolds number on the attachment line of 
a swept wing having no suction in the stagnation sone. It is Indicated 
that a leading edge flow which is otherwise supercritical can be stabi- 
lised by a reduction of its leading edge radius, application of suction 
in the stagnation sone, or a combination of both. It is clear that in 
order to be effective the position of the reduced leading edge radius 
must coincide geometrically with the location of the stagnation point 
at the design flight condition. The beneficial influence of reduced 
leading edge radius is to impart an increased chordwise acceleration 
to the potential flow streamline starting from the attachment line. In 
this way, the streamline is turned more quickly and the stagnation sone 
is narrowed, thus reducing the crossflow region. 

There are several sources of contamination and destabilisation leading 
to spanwise spread of turbulence on current subsonic swept wing sircraft. 
Foremost is turbulence generated on the fuselage forward of the wing lead- 
ing edge and passing down the wing. The larger the wing leading edge, 
the farther outboard the turbulence spreads* In the region lomediately 
outboard of the turbulent sone, laminar flow will be reinstated, at least 
at the leading edge. Nevertheless, weak vortices within the laminar 
region will continue to propagate down the leading edge and will be shed 
continuously fro« the leading edge. The suction system may be unable to 
introduce the necessary stabilisation and transition may occur at vary- 
ing distances aft of t he leading edge. The outboard boundary of transi- 
tion may then sweep gradually aft as in Figure 1.10 instead of forming 

r 
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a distinct edge aligned 7 degrees to the direction of flight. 

Other sources of disturbances are insects  impinging on the leading edge 
at take-off, uneven wing panel splices which cross the stagnation zone, 
non-uniformity in suction distribution along the slots (particularly 
as they cross the splices),  fasteners in the stagnation zone which are 
rot smooth, and inadequate devices for elimination of fuselage-generated 
disturbance which themselves generate disturbances. 

Solutions to the problems of spanwise contamination on swept LFC wings 
arc in three general categories.    First of these is the arrest of dis- 
turbances coming down the leading edge from the fuselage.    The most 
obvious method Is a  fence parallel to the aircraft plane of symmetry 
at the leading edge and extending forward,  such as shown in Figure 
1.11.    Slots are provided at the fence leading-edge intersection to 
remove the turbulent boundary layer generated by the fence itself.    In 
addition,  the fence should be contoured with its leading edge sloping 
inboard to avoid separation on its outboard surface..   Another solution, 
perhaps preferable,   is the use of vertical slots across the stagnation 
zone for removal of large disturbance» from the fuselage.    A third method 
of avoiding disturbance from the fuselage turbulent boundary layer is 
to provide a gutter or cut-back section of the wing nose at the wing- 
body intersection such that the turbulent air from the fuselage passes 
through the gutter region, and only uncontaminated air meets the wing 
leading edge. 

A second major solution is the reduction in wing leading edge radius. 
As an example of this, boundaries of spanwise contamination are shown 
for two leading edge radii at the same unit Reynolds number in Figure 
1.12. 

Finally,, recent research shows that vertical slots across the stagnation 
zone Improved stabilization of the stagnation zone boundary layer flow. 
It is obvious that the slot spacing should be sufficiently close to pre- 
vent any disturbance from escaping from the stagnation zone before en- 
countering a slot.    Special attention must be given to the end of the 
vertical «lot,  for a vortex may be created at this point which,  if the 
slot extends out of the stagnation zone, creates a turbulent wedge, and 
if it does not, may itself cause spanwise contamination.    Obviously a 
succession of turbulent wedges would negate the benefits from suction 
further aft. 

All of the devices described have been tried on the inboard wing of the 
3C-21A airplane and have been found effective in improving the wing 
laminarisatlon. 

.'•' 
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1.4      PREVENTION OF TRANSITION BY SUCTION THROUGH DISCRETE SLOTS                                  1 

c 

In the boundary layer computations the quantity of suction is calcu-              1 
lated as a function of distance along the chord and is a continuous               1 
area suction calculation rather than a calculation for discrete slots.         1 
Norair's laminar flow control system employs many closely-spaced thin           1 
slots running spanwise along the wing from the leading edge to the                 1 
trailing edge for the removal of the boundary layer air.    One of the             1 
criteria used for the design of the suction system applies to the                  i 
height of the individual layer of air removed by each slot, which                  i 
must be approximately equal to the slot width.    Observance of this                1 
sucked-height to slot-width ratio criterion and of a maximum slot                  | 
Reynolds number criterion provides a sufficient number of slots for              1 
an approximation to distributed suction,  even though in prartice the             1 
boundary layer air is removed in individual steps.                                                1 

The stabilisation of the tangential flow profiles is all that is                    1 
required on a straight wing for attainment of laminar flow, but on a             1 
swept wing tangential flow is of secondary interest.    Only in the                  1 

!                       midchord region of a swept wing where the chordwise pressure distri-             1 
j                       bution may be nearly constant, and in the stagnation sone as previously       i 

discussed, is it likely that cross flow will be sufficiently small that       1 
the tangential profiles will require attention, particularly when high         | 
level acoustic disturbances are present at high Reynolds number.    In             1 
the calculation of suction requirements for a swept wing the analyst            1 
concerns himself primarily with assurance of adequate crossflow                      I 
stability across the chord, but in the midchord region stabilisation            1 
of the tangential flow profiles may determine the suction requirements.       1 

1.5      LIMITING REYNOLDS NUMBERS ASSOCIATED WITH STAGNATION ZONE FLOW. CROSS-         i 
FLOW AND TANGENTIAL FLOW                                                                                                       i 

The Reynolds numbers listed here are recommended as maximum values to           1 
be used in the design of suction LFC wings.                                                           1 

1.5.1    STAGNATION ZONE FLOW                                                                                                   1 

The maximw stagnation sone momentum thickness Reynold c number          1 
on s swept wing in the stagnation sone Is recoomended to be 100.       1 
This Reynolds number is defined as the product of the component        1 
of free stress velocity parallel to the leading edge of the wing      1 
and the momentum thickness of the stagnation sone boundary layer      1 
divided by local potential kinematic viscosity.   The local                  i 
momentum thickness Reynolds number will rise to magnitudes much        1 

t 
greater than 100 at positions further aft on the chord of the           1 
wing.   However, it Is considered adequate that this criterion            1 
be satisfied only at the attachment line or stagnation sone.              1 
The equations governing calculation of this Reynolds number               1 
for a swept leading edge aret                                                                     1 
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lg •   Ua(sinA}(0/v)   =   Momentum thickness Reynolds number 

wh«r«   U   =    Qo'   =   free stream velocity 

«here 

dU/dS 

Wing eloeent line sweep angle 

^ local potential kinsnatic viscosity 
P 

Momentum thickness of the boundary layer 

V v/(<w/ds) 

Potential flow velocity gradient in the plane normal 
to the attachment line 

Is a coefficient function of the suction coefficient 
F* in the stagnation sons and is given in Section 3 

.407 for a swept wing having no suction at the attachment 
line 

1.5.2 UMITIMC CROSSPLOW kBWOLDS NIMBOLS 

Limiting crossflow Reynolds numbers are based on the shape and 
else of the crossflow profiles across the chord of the wing. 
The recommended limitations on crossflow Reynolds number are 
1.8 times the values shown in Figure 1.6. 

1.3.3 THHGEtaUL FLOW 

Results fro« investigations In an attsmpt to find a tangential 
design criterion have led to the formulation of a relationship 
between the momentum thickness Reynolds number and the second 
derivative at the wall of the tangential velocity profile. 

Figure 1.14 shows the tangential stability criteria.   These 
curves were obtained by enalnatlon of the stability of laminar 
velocity profiles» as given in Reference 7. 

The curve labeled (a) corresponda to data shown in Reference 6. 
Figure 79 of this reference defines the critical mmmMm tMck- 
nese Reynolds number as a function of the second derivative of the 

*— rm* 

~ 



(M.IK«) 

t 
CWCRC« 

MTt 

June 1967 

t 

NORTHROP CORPORATION 
NORAIR DIVISION 

1.10 
MfMTM. 

NOR-67-136 

MOML 
X-21A 

•mmm 

velocity profile at the wall. Data from this report were taken 
from theoretical stability analysis performed by Ulrich and 
shown in Reference 7. A curve faired through the data points 
gave an expression for the critical momentum thickness Reynolds 
number, as follows: 

R, 1/3 

^rit 
5* 6 127 

3 (u/U > m 

ö(y/e)2 wall 

where 

-    critical momentum thickness Reynolds number 
crit 

U = Qi = 
m   ^ 

potential flow velocity 

height above surface 

——^—^— = non-dimensional expression of the second 
d(y/6) wall   derivative of the velocity at the wall 

The curve labeled (b) corresponds to results obtained by analysis 
of a 33° swept 10-foot chord suction wing test performed at 
Northrop Norair and Ames» 

Northrop Norair performed an empirical study to establish design 
criteria for suction requirements in the region of a swept wing 
with flat pressure and negligible boundary layer crossflow. The 
region of validity for this study is limited in the upper surface 
of the airfoils analyzed from .15 x/c to .50 x/c and on the lower 
surface from .25 x/c to .50 x/c and for a range of momentum thick- 
ness Reynolds number that varies from 600 to 2600. The amount 
by which RQ  exceeded RQ . was usually 200 with an upper limit 

of 800 for very low turbulence intensities, where the subscript 
"tr" refers to transition value. 

Based on these results a conservative stability limit for tangential 
flow can be obtained in the form 

h*h + 200 
tr crlt 

where >6 rlt   h** the expression teen above or 

1/3   . 
'tr 7.6 - 106 r(u/üa) 

d(y/e) wall, or 

"T ■•■% 
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1             Both expressions are valid only for R9  ranging between 600 and   1 
I              2600, which corresponds approximately   to a value of the second   1 
1             derivative between -.02 and -.06. Tangential flow Reynolds       i 
I              number is defined as the product of boundary layer momentum thick-  1 
I              ness times local potential flow velocity divided by local poten-    1 
I              tial flow kinematic viscosity.                               1 

1    1.6 MINIMIZATION OF SUCTION REQUIREMENTS                                 1 

I        Fuel expenditure for driving the pumping machinery and the weight and      i 
1        space of the machinery itself is the price that is paid for the drag      1 
1        reduction in an LFC system. Careful attention is required to assure      1 
1        that minimum practical suction quantity and pressure drag is specified.   1 

1         1.6.1 WING PRESSURE DISTRIBUTIONS                                   i 

I             In the design of a Laminar Flow Control wing, among other require-  1 
1             ments, proper wing surface pressure distribution and suction dis-   1 
I             trlbutions should be satisfied in order to meet the required      1 
I             minimum suction specifications. Wing surface pressure distribution 1 
I             for this purpose can be analyzed considering two principal direc-   i 
1             tions of the wing surface, in the chord direction and along the    1 
I             wing span.                                              1 

i               1.6.1.1 CH0RDWISE PRESSURE DISTRIBUTION                        | 

I                    The optimum chordwise pressure distribution for an LFC    1 
I                    wing is pne in which the pressure coefficient versus x/c  1 
I                    diagram shows an appreciable chordwise extent of constant  1 
I                    pressure for both the upper and lower surfaces. Such a   1 
1                    pressure distribution is shown in Figure 1.13. This      1 
1                    was measured on the X-21A wing at 24% of semi-span. De-  i 
I                    sign of airfoil sections requires considerable testing    i 
I                    in a wind tunnel of adequate Mach number capability      1 
1                    because the Influence of compressibiltty cannot properly  1 
I                    be predicted in the leading edge regions by any of the    1 
I                    presently existing theories, and stabilisation of the     1 
I                   stagnation tone flow may inpose additional leading edge   1 
1                   constraints. At any rate, in the region of constant     | 
1                    pressure, the crossf low velocities are minimised, thus    i 
1                   greatly reducing the amount of suction needed for that    1 
1                   reason. It has been found that the position of the rear  1 
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pressure rise can be moved quite far aft on the chord 
without separation over the rear of the wing. 

1.6.1.2 SPANWISE PRESSURE DISTRIBUTION UNIFORMITY 

It is necessary to design LFC surfaces with a high 
degree of spanwise pressure distribution uniformity. 
There are two reasons, the first of which is the pre- 
vention of excessive isobar sweep. Any non-uniformity 
in the spanwise pressures is accompanied by some 
areas where the sweep is reduced and other areas where 
the sweep of the isobars is increased.  This means higher 
suction requirements in the area of greater sweep. The 
other reason is the inefficiency in the total suction 
quantities which must be removed in any one duct if the 
external pressure at the middle of the duct is, for ex- 
ample, much lower than the pressures at the ends of the 
duct. Then, the duct pressure level must be adequate to 
remove air at the middle and this results in over-throt- 
tling at the ends where such a low duct pressure is not 
necessary. 

It is recommended that the wing design be optimized as 
soon as possible in the wind tunnel program and that this 
be done with the wing attached to the fuselage.  In this 
manner, the proper wing twist can be selected together 
with local changes in airfoil section parameters near the 
wing root and wing tip in order to maintain constant 
pressures along the wing element line. The wing root 
and the wing tip are special problems and some penalties 
must obviously be sustained in these areas. 

Having selected the distribution of airfoil parameters 
such as thickness, twist and camber, the nacelles can 
then be installed on the wing. Various measures are 
available for minimising this influence on the pressure 
distributions. In the X-21A program, the propulsion 
nacelles were located aft on the fuselage and pumping 
nacelles were placed on the wings. The shape of the 
pumping nacelles in the planview was chosen to approxi- 
mate the paths of the streamlines which would have 
existed were the nacelles not in place. However, on 
the Inboard side of the wing near the leading edge a 
region of locally higher pressures was found which could 
not be eliminated by changes In nacelle contours. This 
was compensated by a local thickening of the wing Itself 
In the affected area. 
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1.6.2    PRESSURK DIOP AND SUCTIOM QUAOTITY 

Boundary layer stability analysis provides the necessary 
infonsation for the determination of the adequate suction flow 
rates in the spanwise and chordwise directions.    The inflow rate 
distribution should be adequately obtained by setting a nominal 
pressure drop through the skin which must be sufficient to ensure 
a fairly uniform inflow and small degree of distortion on the 
nominal inflow rate distribution when the surface pressure con- 
ditions are varied.     As a representative value for this minimum 
pressure drop that will give good condition for suction distribution, 
one-half the value of the variation in pressure drop along the 
surface can be used.    For a duct in which ACpS is the variation 
of spanwise surface pressure and ACpC is the chordwise variation 
of surface pressure,  the design duct pressure should be about 
1/2 (ACp8 + ACpC) below the most negative surface pressure.    With 
the ideal condition of a suction wing with straight isobars and 
with suction duct length to diameter ratios of less than 300,  the 
suction requirements will be minimised and less pumping power is 
required to provide laminar flow. 

Suction quantities and suction quantity distribution are also 
important in complying with the minimum suction specification. 
These are related to the suction inflow velocity distribution 
and how efficiently the distribution is realised in order to 
provide suction flow that closely approaches area suction.    When 
suction is obtained through slots cut in the skin of the wing, 
the slots should be designed so that slot Reynolds number remains 
low; a typical value for slot Reynolds numbers is 100.    Reference 
5 shows measurements of slot flow Reynolds numbers over the 
adverse pressure gradient of a swept suction wing at various chord 
Reynolds numbers and the influence on laminar flow on that region 
of the wing when high Reynolds numbers and consequently increasing 
slot Reynolds number were reached.    Recent suction duct experi- 
ments have shown that slot flow velocity fluctuations increase 
as the slot Reynolds number increases above 120. 

Since boundary layer stability conditions establish the amount 
of suction required and this suction is realised on a swept 
suction wing through the slots, the slot velocity is inversely 
proportional to the slot widths and spacing.    The flow quantity 
through the slot is determined by the product of the equivalent 
suction inflow velocity v, and the spacing between slots. 
Typical values for the suction quantity coefficients (v/UU) are 
approximately 3 x. 10** per surface with a value of 10'* in 
regions of the wing with a relatively flat pressure distribution 
and smell crossflow.    This value increases up to 10 x 10"* near 
the leading edge for moderately swept beck wings. 

,' 
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1.6.3 SOUND 

As indicAced in Reference 2,  sound of a high pressure level is 
« detriment to laminar flow.     In general,  the influence is felt 
in regions where otherwise the suction levels are low,  that is, 
over the mid-chord region of a wing with a flat mid-chord pressure 
distribution.    Depending upon the amplitude of the sound,  it can 
be compensated by addition of small amounts of suction in these 
areas.    Section 11 of this report contains a more complete dis- 
cussion of the influence of sound on the maintenance of laminar 
flow in the boundary layer of a swept wing.    It is indicated 
therein (as based on wind tunnel tests) that a moderate increase 
in total suction, concentrated as indicated,  is sufficient to 
compensate the destabilixation of a strong sound environment. 

1.6.4 MULTIPLE FLIGHT CONDITIONS 

If the suction system must be designed to acconmodate the attain- 
ment of laminar flow at multiple flight conditions, some penalties 
must be taken in the suction requirements. Since the required 
suction differs as the pressure distribution and Reynolds number 
differ, a suction distribution optimised for one flight condition 
may hot be adequate in other cases. Consequently, it is desirable 
to minimise the number of flight conditions for which LPC must 
be operational. 

1.6.5 MAXIMUM SLOTTED AREA 

The lamina ri sat ion of the maximum possible surface of the wing 
is necessary in order to gain the greatest benefit from LPC. 
There may be some penalties because of non-uniform pressures in 
the regions of the nacelles, wing root and wing tip; however, 
these should be minimised. 

1.6.6 OPTIMIZIHG SUCTION QUANTITIES 

In the calculation of suction quantities for an LPC wing it is 
advisable to reduce the suction quantities at all points along 
the chord to the minimum necessary values.    The actual suction 
output of the final duct design should be considered*    (In prac- 
tice, it is found that the slot and duct design cannot yield the 
exact suction distributions called for in the earlier auction 
calculations for nore than a single flight condition*) 

1.6.7 SMOOTHMBSS AMD SLOT T0LHAMCI8 

Close observation of smoothness and slot-quality tolerances must 
be followed to minimise the disturbances which may affect the 

«• 
■■ 
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suction requirements.    Non-uniformities often call for local 
changes in suction.    Since the pressure in the entire duct must 
be varied to compensate  for a local boundary layer disturbance 
this may represent a considerable change  in suction quantity 
and distribution. 

1.7    REFERENCES 

1. 

4. 

5. 

6. 

7. 

Pfenninger, W. and Bacon, J. W., Jr., "About the Development of 
Swept Laminar Suction Wings with Full Chord Laminar Flow," Northrop 
Corporation, Norair Division Report NOR 60-299 (BLC-130), September 
1960. Presented to the Tenth International Congress of Applied 
Mechanics, Stressa, Italy, September 1960. 

Bacon, J. W., Jr., Pfenninger, W. and Moore, C. Roger, "Influence 
of-Acoustical Disturbances on the Behaviour of a Swept Laminar 
Suction Wing," Northrop Norair Report NOR 61-10, April 1961. 

Carlson, J. C., "Low Drag Boundary Layer Suction Experiments using a 
33° Swept 157. Thick Laminar Suction Wing with Suction Slots Normal 
to the Leading Edge," Norair Report NOR 64-281, November 1964. 

Pfenninger, W., "Some Results from the X-21 Program« Part I, Flow 
Phenomena at the Leading Edge of Swept Wings," AGARDograph 97, Part 
IV, "Recent Developments in Boundary Layer Research," May 1965. 

Carlson, J. C, "Investigation of the Laminar Flow Control Charac- 
teristics of a 33° Swept Suction Wing at High Reynolds Numbers in 
the NASA Ames 12-Foot Pressure Wind Tunnel in August 1965," Norair 
Report NOR 66-58, January 1966. 

« 

Carlson, J. C, Bacon, J. W. „ Jr., "Influence of Acoustical Distur- 
bances in the Suction Ducting System on the Laminar Flow Control 
Characteristics of a 33° Swept Suction Wing," Norair Report NOR 65-232, 
August 1965. 

Ulrich, A., "Theoretical Investigation of Drag Reduction by Maintain- 
ing the Laminar Boundary Layer by Suction," NACA TM No. 1121, June 
1947. 

 r 
• 



Pt,"'-*»L-.*H'W^»V«.'i 

JUNE 1967 

PAGE     1.16 
REPORT NO. NOR 67-136 
MODEL X-21A 

8 

UJ Ui 

^:: - 
.   *% 

^c 

It 

\ 
\ 

id? 
UJ 

8 

. • 

«-*   - 



fmu ao>TA 

e 

* 
■> 

c 

CMSIHCCa 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

1.17 
cwcan MMMT NO. 

NOR 67-136 
■ATI 

June 1967 
MOML 

X-21A 

HI&H    PRESSURE 
ALONC»   LCADIMG   ep&l 

POrCNriAC    FLOW 
ffrnCAMUINC 

F1GUU 1.2 

POTENTIAL FLOy STREi>MLINB PATH 

ACKOSS A SWEPT WIMC 

■^—■• 



ronti »e-iiA 
(M. 7-»») 

( 

t'ltAJ     .•ii«%»t»i*' 



: 

JUNE 1967 

PAGE    1.19 
REPORT NO. NOR 67-136 
MODEL X-21A 

in 
? 
•i 

». 

N 

>< 

i 



€ 

C 

ENSINCCe 

CNCCRCII 

OATt 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

Mf( 

1.20 
■(NMT W. 

NOR 67-136 
MOOCL 

X-21A 

Rc - 30 x 10^ 

c 

X   chordwlae distance from wing leading 
edge in flißht direction     * 

j   normal distance from the vail 
C   ving chord In nicht direction 
n   erossTlov velocity In the boundary 

layer at the distance y fron tho wall 
U^free stream velocity 
Rc ving chord Reynolds number 

RQ " üooC/>' 

PI 

.SLl 

wall wing surface 

„K~ LOO 
/AC ". .88 

-joa nAu 

FIC   1.5    CROSSFLOW BOUNDARY LAYER PROFILES ON A 30-DBCREE SWEPT SUCTION WING 

' ■ 



•roaM tO>TA 

f 

( 

c 

IMCINtCR 

CNCCKI* 

OATt 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

p*se 

1.21 
•CMMT m. 

NOR 67-136 
MODCL 

X-21A 

SVM0OLS Kn      r      CllOS$FU>W    STABILITY    UMIT    RCYNOU>S    WO y 

■AS8D   ON   n^^^   ANO   *.inMAX 

1    •      C»0»SI"COW     VKLOOrV     IK   BOUHDAKY    UAYER 

U     »      PISTANCe     NORMAL   To    WALL. 

&      •      90UN0ARV     LAY&A    THICK N 

600   Vfyi^mjp 
AT   WAi-v. 

FIG.  1.6 MINIMUM CROSSFLOW KAMLCTY REYNOLDS NUMBER 

■ 

.   



■^■v.      WW^II 'in ■ ■ilil^l 

( 

,1 

O 

■ 

[NCINCM 

CMtCKCK 

0*TI 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

r«u 
1.22 

■t»MTM. 

NOR 67-136 

X-21A 

POINT DISTURBANCE 

-  TURBULENT WEDGE 

FIGURE 1.7.   TURBUIllNT WEDGE INDUCED BY A DISTURBANCE 
LOCATED IN A LAMINAR BOUNDARY LAYER DOWNSTREAM 

FROM LEADING EDGE OF A SWEPT WING 

• 

* 

— 

•• . 

■ 

„ 

—-.. ^ - JT 



■^*t!*&*tvr  .    '' • -vtp^it^mM^^^- 

INMMM 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

1.23 
CWCIU ttPVH M. 

NOR 67-136 

June  1967 
MOOCL 

X-21A 

( 

Q 

Inboard 

\ 

Ujpp«r Surface 

X 
Attachment Lina 

If dlicurbanea ia hara, contamination 
proceeds epanwite Coward the tip* 

Stagnation Streamline 

If disturbance ia here, contamination 
goea aft« 

Z Lower Surface 

riGUSB  l.g 

Y|EW L09KIMC AFT AT LEApiNC EDC^ pf A ?«W VIWC 
ILLUSTRATING EFFECT OF SPAKWISE PLOW AWD OF DISTUKBAWCg 

LgffAT?^ y* THE PATTEM 9* TVRBULEN^S 

- 

-   , 



CNCIHCH 

CMCKU 

MTI 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

1.24 

NOR 67-136 

X-21A 

POINT DISTURBANCE 

0 

INITIAL TURBULENT WEDGE 
(LOW SPEED) 

GROWTH OF TURBULENCE WITH INCREASING 
SPEED 

FIGURE   1.9    SPANWISE GROWTH OF TURBULENCE FROM A DISTURBANCE 
LOCATED AT THE LEADING EDGE OF A SWEPT WING IN AN 

OTHERWISE LAMINAR BOUNDARY LAYER FLOW 

i 
.>• 



IN.II>«») »CIWU 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

1.25 
catena ■CMaTM. 

NOR 67-136 
MTC 

June 1967 
MOOfL 

X.21A 

/ 

FüSeLA€»6 

FCNCe 

. SUCTION 
S   BUMPS- 

DATA  Airplane No. AF 55-408 
Flight 54, Run 20 
Altitude h ■ 39,600 ft 
Mach No. M - .71 
Gross Weight ■ 58,050 
Lift Coefficient .31 

DCSI^N    TUfiOOCCMr AReA 

FIGURE  1.10    LAMINAR12ATI0N PATTERN ON X-21A WING 
W1TO LOCAL SUCT10H "BUMPS" ON LEADING EDGE 

-   V. 



JUNE L967 

PAGE   1.2V, 
REPORT NO.  NOR 61 
MODEL X-21A 

-136 



(i 

2.00 
NOR 67-136 
X-21A 

SECTION 2 

CALCULATION OF BOUNDARY LAYER DEVELOPMENT 
AND SUCTION REQUIRPIENTS ON A LAMINAR FLOW 
CONTROL WING USING DIGITAL COMPUTER PROGRAMS 

by 

E. A. Gloyn 

March 1964 

Revised May 1967 

1 

• 
■ - ... 



I 

( 

2.01 
NOR 67-136 
X-21A 

SECTION 2 

TABLE OF CONTENTS 

Calculation of Boundary Layer Development and Suction Requirement* 
on a Laminar Flow Control Wing Using Digital Computer Programs 

< 

APPENDIX At 

APPENDIX Bt 

APPENDIX Ct 

APPENDIX Dt 

APPENDIX El 

APPENDIX Ft 

APPENDIX Gt 

APPENDIX Ht 

APPENDIX It 

Suction Distribution Calculation Steps 

Derivation of the Irrotationality Condition 
for Swept Tapered Wings 

Rules for Selecting Points for Curve Fitting 
Subroutines 

Deck Set-Up for 919K (U* and V* Iteration 
Program) 

Deck Set-Up for Boundary Layer Input Program 
BB62-A and Integration Program BB65-A 

Definition of Parameters Printed by Boundary 
Layer Input and Integration Program (BB62-A/ 
BB65-A) 

Outline of Progrsm Mode of Operation for Suction 
Optimisation 

Wake Drag Computing Form 

Incremental Equivalent Drag Computing Form 

■ 

- •• ■■-j . / - • 



EMCINCtK 

CHtCKU 
NORTHROP CORPORATION 

NORAIR DIVISION 

MM 

2.02 
HCPMT M. 

NOR 67-136 
MTt M00CL 

June  1967 X-21A 

2.1       SUMMARY 

The suction requirements of a laminar flow control wing are 
determined through use of Northrop Norair's general digital 
computer boundary layer calculation method.    This section 
describes the use of the digital computer programs for the 
specific case of a swept tapered wing in subsonic flow with 
straight isobars and no heat transfer through the surface. 
The swept wing coordinate system and the components o£ the 
potential  flow velocities and boundary layer velocities are 
defined.    A method is presented for accomplishing the con- 
version from measured wind tunnel pressure data to the 
velocity components used by the program. 

To determine the stability of the laminar boundary layer 
with a given suction distribution» one must consider stability 
at the leading edge, crossflow stability and tangential sta- 
bility.    Criteria for determining these types of stability 
have been derived from theory and from wind tunnel and flight 
teat investigations.    Comparison of parameters calculated by 
the program with the stability limit parameters determines 
the required suction distribution. 

The primary use of the boundary layer computer programs in 
the design of an LFC wing will be the calculation of suction 
requirements.    Other applications include determination of 
boundary layer development with and without suction, prediction 
of the boundary layer thickness and the profile drag of a 
laminar wing, and correlation of predicted boundary layer 
stability with flight test and wind tunnel results. 

Throughout the report,  it is assumed that the reader has some 
familiarity with digital computers but is not a professional 
programmer.    Hence the emphasis is on the use of the programs 
in the design and flight teat of a subsonic laminar swept 
tapered wing.    For the modifications necessary to deal with 
other geometric configurations, three-dimensional flow fields, 
incompressible or supersonic flow, or surfaces with heat trans- 
fer, the reader should consult lef. 1 on the general three- 
dimensional boundary layer program« 

• " 
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2.2      INTR0DUCTI0H 

The development of the laminar boundary layer on a swept wing 
with known distributions of surface static pressure and suction 
inflow can be calculated by the finite-difference method 
developed by G.  S. Raetz (Reference 1).    This method has been 
programmed for use on the IBM 7090 computer.    During the design 
of the X-21A airplane,  three IBM decks were required:    a Fortran 
deck to convert surface static pressures to potential flow 
velocities,  an "input" deck and an "integration" deck in Fortran 
language.    The input program calculates the flow parameters of 
the boundary layer differential equation at each chordwise step 
from the distribution of the component of potential flow velocity 
normal to the wing element lines,  the suction velocity distri- 
bution,  the leading edge and trailing edge sweep angles,  the 
Mach number,  temperature, and the spanwise velocity at the leading 
edge.    The flow parameters are stored on a magnetic tape.    The 
integration program performs a numerical integration of the 
boundary layer equations and calculates the boundary layer pro- 
files of velocity,  temperature and shear.    From these profiles, 
parameters can be calculated which permit a determination of the 
boundary layer stability.    It should be emphasised that the 
equations of the   input program to determine the coefficients 
depend on the geometry of the body and the type of flow (com- 
pressible or incompressible) but that the equations for the 
finite difference integration are perfectly general. 

2.3      SYMBOLS 

b» 

c« 

Cds 

cdw 

CP 

F* 

Wing span 

Surface length from stagnation point in streamwise direction 

Surface arc length from stagnation point 

Section suction drag coefficient 

Section wake drag coefficient 

Pressure coefficient, C   - (P^-PQ')/^ Ao1 Qo12) 

Non-dimensional suction parameter.    F* * w^/^/Qp» 

C 

-■m 
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2.3      SYMBOLS (Continued) 

C Non-dimensional suction parameter.    F0    " w'Ag ^^MOo'^o'^ 

H Boundary layer shape factor.    H « *.l/*--i " Hi 

L> Distance from vertex along radial  line 

Lo' A reference length taken as the maximum length from the 
vertex along the radial lines 

Mo Free stream Mach number 

!                           n» Component of boundary layer velocity normal to potential 
velocity, Q',  i.e., crossflow velocity 

H» Absolute viscosity, external 

N,o Absolute viscosity,  free stream, ■ u0 

N N'/TN'o 

pi 
Non-dimensional static pressure P « *-T 

Po 

P' Static pressure 

D   ' 
0 

Free stream static pressure 

1                                              n   * 
i                                           0 Static pressure parameter P0* - ^ *«,    PQ'   S?! " ^ 

Pd' 
Duct static pressure 

PHI -(p Shear coefficient defined in Reference I, print-out notation 

D   ' Surface static pressure 

q» Boundary layer velocity 

Qf Local potential flow velocity 

%' 
Free stream velocity 

QI/C^. - Of»2 +v*2H 

rl Gas constant (1716 ft2/sec •!) 

Reynolds number - L0'Ü»A'/M« 

c Chord Reynolds number.   *c ■ 9,/ c•A0
,/^i0

, 

' 

1 

' • * 
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2, ,3      SYMBOLS (Continued) 

\.- 
Re Momentum thickness Reynolds number.    R.      - Q'Ä'    A»/tt • -o                                                                                     oS8                ss        e 

"n 
Boundary layer crossflow Reynolds number 

"«ei Boundary layer crossflow Reynolds number, based on total 
height 6' of boundary layer 

R«.    =n'        «»A'/IA.', where 8' » s'  at K = 2.    K=2 
^'ö'          max              e 

corresponds to u' = .9975» for 20 calculation steps through 
U'                   the boundary layer. 

RN Rng,//^.» in print our 

■O.! Actual boundary layer crossflow Reynolds number, based on 
height i'  somewhat less than 6', where n* = 0.1 n' 

»0.1-",«x"0.ln.        A,/'". max 

RO.l R0>l//Rc,  in print out 

«». 
Critical crossflow stability Reynolds number,  based on 
second derivative of velocity at wall 

RNS Rni//Rc, in print out 

Vn 
Minimum or neutral crossflow stability Reynolds number, 
less than R« • ^*s 

NOTEi    R^l < RNS for crossflow stability. 

h' Unit Reynolds number based on reference conditions (free 
stream).    R0« - (^»A^ 

• • 

0 

Component of boundary liyer velocity In dicection of 
potential velocity, Q» 

t» Internal or boundary layer teapereture 

'w' Vail temperature (0K) 

T« Ixternal or potential flew teapereture ■ t»- m . 

• 
tl f 

%m I corresponds to «• « 1 

i 



■ CNCINCH MU 

NORTHROP CORPORATION 
NORAIR DIVISION 

2.06 
■ CMICKU MMMTM. 

NOR-67-136 
DATE 

Jui.e 1967 
MOML 

X.2U 

2.3       SYMBOLS (Continued) 

T   » 
o 

Free stream temperature 

t r't«/(Qo')
2 

T 
2 

r»T'/(Q ')   ,  also T = t in print out notation 

u« 
2 

Component of q» normal  to radial lines (velocity In 5 
direction)* 

U' 
2 

Component of Q* normal  to radial lines (velocity in § 
direction). 

U U'/Q« 

U* U,.'V 
V' Component of q' along radial lines (velocity in T\ direction). 

V v'/Q« 

V» Component of Q' along radial lines (velocity in T) direction). 
For flow toward tip, V   is negative. 

V v'/Q', also V = v in print out notation. 

V* v/V 
w'=f» Suction velocity normal to wing surface (for suction, 

w' is negative). 
• 
w Suction flow rate 

X» Surface length In streamwise direction 

V Length along surface arc from stagnation point 

y Normal distance from center line of airplane to point 
on wing 

■• Height in boundary layer fro« wing surface 

• ZI «' /*./€• 

a» dxa/d£ (equal to 2 Lto»7|§Yo for tapered wing) 

0' dL'/dT|(equal to L0»  for tapered wing) 

. 

..■ ~m  ■ 

 .  ■jr -.-.-. ■ 



- J-^'MWUi- «^t" 

-O«M a0-7A 

( 

0 

WtSSSuS 

NORTHROP CORPORATION 
NORAIR DIVISION 

2.07 
■ CHKHH MMRTM. 

NOR-67-136 
An 

June 1967 
M**LX-21A 

2.3      SYMBOLS (Continued) 

Y,(<r-l) Ratio of specific heat at constant pressure to specific 
heat at constant volume (equal to 1.4 for air). 

&• Boundary layer thickness (complete list is given in 
App. F). 

*'i*** Streamwis« displacement thickness.    6'g=J(l-s'X»/(Q'A'))ds' 

•..-•« 
Streamwise momentum thickness 

6«M-JCl-s'/Q«) (s'/QO  (WAOds« 

»'uu 
Jd-u'/U») (u«/U»)  (X'/A')dx' 

6,uv 
J^l-u'/U«)  (v'/V)  (X'/A')d«' 

6' vu 
Jd-v'/V») (u'/UO  (X«/A')d«' 

c Gross error index defined in Reference 1. 

c Curvilinear coordinate normal to wing surface. 
C - (l-u'/U«)* 

Tl Curvilinear coordinate along radial lines 

6 Local sweep angle (radians); momentum thickness 

91 
Leading edge sweep angle 

e2 Trailing edge sweep angle 

K Thermal conductivity 

X' Internal density (within boundary layer) 

A» External density (local density in potential flow) 

V Free stream density 

0 Non-dimensional constant-pressure specific heat coefficient 
a « or' 

a» Constant-pressure specific heat coefficient 

V Boundary layer Internal viscosity 

»V Local external viscosity 

V Reference viscosity (usually free stream) 

• ■ 
;   ■   - 
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2.3      SYMBOLS (Continued) 

9 

Y 

0 

Curvilinear coordinate along arc struck from point of 
Intersection of leading and trailing edge« 

Singularity factor (equal to g for calculations «here 
coordinate system starts from partial stagnation line or 
from front attachment line in swept wings). 

Shear coefficient defined in Reference 1, labelled PHI 
in print out. 

Angle from leading edge to radial line 

Included angle between leading and trailing edges = di-B* 

External vorticlty 

I 
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2.3    SYMBOLS (Continued) 

Superecrlpt 

> Denotes dimensioned quantity 

Subscripts 

x 

s 

e 

i 

LE 

TE 

wall 

Streamwise direction 

Along arc 

External, in potential flow 

Internal, within boundary layer 

At wing leading edge 

Maximum value 

Reference value or free stream 

At wing trailing edge 

At wing surface 

, 

For the symbols denoting velocities, temperatures, and densities, 
the lower case letters denote values within the boundary layer 
(n, q, s, t, u, v, X) and capital letters denote values in the 
potential flow (Q, T, U, V, A). 

2.4 SWEPT WING COORDINATE SYSTEM 

The general three-dimensional boundary layer calculation uses the 
coordinates ^, 11, Q  where g* and T| are orthogonal curvilinear coor- 
dinates fixed on the body surface and the £ coordinate is normal 
to the surface. The boundary layer development is calculated as 
a function of distance from the stagnation point for each surface, 
upper or lower. If the wing surface of a swept tapered wing is 
considered to be cut at the stagnation lihe and at the trailing edge 
and then flattened out holding the leading edge sweep angle fixed, 
geometric relationships batwen the streamwise surface distances, arc 
surfacs distances and angles can be defined as in Figure 2.1. The 
constant g2 and T) lines are the radial and circumferential lines 
generated from the point of intersection of the flattened surface. 
This system of flattening the wing surfsce results In an error in 
angle of sweep except at the leading edge or flow ettachment line. 
The «MiKimum error occurs at the trailing edge, «here the X-21A sweep 
is 18.7° flattened and 18.8° projected. The error in sweep is not 
considered significant to the calculations of the boundary layer on 
the X-21A wing or on any other wing of similar sweep and thickness 
ratio. 

1 

■'-:"• 

■■: 

. ~  
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2.4      SWEPT WIMG COORDIHATE SYSTEM (Continued) 

The definition of the coordinates are: 

5 - ^777 

T) -    Lt/L0« 

Y «   Angle from leading edge to a radial line 

YQ-    Included angle between wing leading edge and trailing 
edge of flattened wing surface = 8i  - 89 

Li = Distance along a radial  line from vertex 

L0»= A reference length taken as the maximum length along 
the radial lines 

Defining the 5  function as a square root provides for closely 
spaced points in the leading edge region where the velocity is 
changing rapidly,  and for wider spacing further aft. 

Figure2.1 shows this coordinate system.    Other coordinates which 
will be used in the discussion are also shown. 

6.    ■    Leading edge sweep angle 

02   ■   Trailing edge angle of flattened surface 

9     m    Local sweep angle on flattened surface 

ct    B    Surface chord length from stagnation point in stream- 
wise direction 

x«    -    Streamwise surface distance from stagnation point 

c^i M   Surface arc length from stagnation point to trailing 
edge 

Xg' •■   Distance along surface arc from stagnation point 

yi    »   Normal distance from centerllne of airplane to point 
on v;iug 

b*   «   Wing span 

. 
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2.4      SWEPT WING COORDINATE SYSTEM (Continued) 

The following relationships exist between the coordinetest 

x i a 

«   Y/Y, W 
-     6,   - «re tan [tan 9,  - (x«/c»)  (tane.-tane,)]  /(e.-G,) 1 i-r 

If the airfoil sections are not similar at all spanwise stations 
or if there is a spanwise variation of stagnation point location, 
the flattened surface will not have a straight trailing edge. 
Furtheimore, unless the airfoil section is symmetric, 6. will 
differ for the upper and lower surfaces.    These discrepancies will 
usually be quite small, aa shown in 2.4, page 2.09. 

If the flow parameters are independent of the spanwise coordinate 
T) and thus depend only on C, the boundary layer becomes a function 
of only the two variables > and £.    This will occur on a swept 
tapered wing if the isobars coincide with the radial lines (lines 
of constant 5)«    Wind tunnel tests of the X-21A wing indicated 
that the isobars were sufficiently straight except in the regions 
near the fuselage and the pumping nacelles and at the wing tip. 
For these special  regions, a three-dimensional form of the boundary 
layer program was used which solved the boundary layer differential 
equations considering both spanwise and chordwise variation of 
pressure coefficient and suction quantity.    For all other regions, 
boundary layer calculations were made assuming that the flow 
parameters were invariant with T).    This corresponds to setting T) 
equal to 1 and setting the derivatives of the flow parameters with 
respect to T| equal to sero.    With these simplified equations, a 
dimensionless "similar solution" is obtained which is assumed to 
be valid for all T) stations within the region of straight isobars* 
Note that this "similar solution" does not Imply two-dimensional 
flow, for the potential velocity has components normal to and 
along the wing element line. 

The three-dimensional boundary Isyer program requires more machine 
time for its calculations and more man hours to ••«vr« that the 
Input curves of U* and FQ* are smooth In both the 5^and 7) 
directions, and that these U* end F0* curves have derivatives 
equal to sero at the side boundaries of the calculation region. 
Having completed the machine calculation, the region for which 
the solution Is valid must be determined.    Thin region of validity 
may be considerably mallar than the calculation region due to 
cumulative errors.    Reprograamlng will probably eliminate these 
difficulties In the use of this method, but it Is preferable to 

• ■ 
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2.4      SWEPT WING COORDINATE SYSTEM (Continued) 

design the wing for straight Isobars and thus reduce both these 
calculation difficulties and the difficulties encountered In 
designing slots and ducts for rapidly varying suction distri- 
butions.    Detailed use of the three-dimensional program will not 
be discussed here.    Results of three-dimensional calculations for 
the X-21A wing differed from previous "similar solution" results 
in requiring more suction near the wing root and the pumping pod 
and less suction In the tip region. 

The components of the potential flow velocity vectors are defined 
by Figure 2.2 

Q  i    =   Free stream velocity 

Qi      «■   Local potential  flow velocity 

U«      ■   Component of Q«  normal to radial line 

V«      «■   Component of Q>  along radial line (for flow toward 
tip, V*  is negative) 

Non-dimensional velocity ratios can then be defined. 

U* 

V* 

U./Qo. 

Vl/OI 
o 

Q'/Q, I   m/j*2  + v*4 

Figure 2.2 also defines the components of the velocity vectors 
within the boundary layer. 

si 

n» 

v« 

ui 

Component of boundary layer velocity in direction 
of potential velocity, Q*. 

*-   Component of boundary layer velocity no 
potential velocity, Q«. 

I to 

Component of boundary layer velocity along radial 
lines 01 direction). 

■   Component of boundary layer velocity no 
radial Unas (5* direction). 

I to 

Boundary layer velocity -/(•02+<n«)2 /uO 
2W 

• 

' '■ ".• ■   - •        -_ -        ^ 
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2.5 COMVERSION FROH Cr  to U*. V* DATA 

The boundary  layer input program requires that the velocity ratios 
U* and V* be known as functions of the surface arc coordinate ?. 
Wind tunnel data are usually presented as C    versus chordwise 
station, where 

».' 

SO 0     0      0 

Local static pressure on airfoil surface 

p  > =    Free stream static pressure ro r 

V Free gtre««.» density 

Free stream velocity 

First,  the relatior  between surface distances and chord distances 
must be determined from equations of the wing surface,  from draw- 
ings of airfoils on arc, or from measurements.    Second, accurately 
determine the true stagnation point at the given flight condition 
from wind tunnel teats conducted specifically for this purpose. 
If, as is usually the case, the true stagnation point does not 
coincide with the most forward point on the airfoil,  the coor- 
dinates should be transferred.    The pressure and suction distri> 
butions can then be plotted as functions of the coordinate 5^» 
which varies between zero rnd unity.    Once the distribution of 

on a surface arc is determined, these data can be converted to 
, V* data using a short IBM program.    (For keypunch forms and 

deck set up see Appendix D.)    The conversion depends upon the 
compressible energy equation,  the condition of irrotationality of 
the external  flow, and the assumption that flow parameters are 
invariant with 11. 

The compressible energy equation can be written in terms of 
pressure coefficient, C , and velocity ratio, Q.    (See Reference 
2. p. 53.) P 

s 

{' 2 -Un- (Y-i)ir(i-<n/2] 
Y-l 

}& 
where y is the ratio of the specific heat at constant pressure 
to the specific heat at constant volume and M is the free str 
Mach number*    Solving for Q^, 
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2.5  COBVERSION FROM C DATA TO U*t V* DATA, (Continued) p     —      _. —. 

Q2 = 1 - 2C(l-HsYM2Cp) Y    -1]/C(Y-1)M2] 

For sir« y <■ 1.4,  so the equation becomes 

Q2 = 1 - 5 C(1-K).7M2C )2/7 -1]/M2 (2.) 

For a "similar" solution, the requirement of irrotational poten- 
tial flow leads to the equation (See Appendix B) 

>V*/ >(?) = VJ* 

V* =. J Y0U*d52+con8t. = Yo      J vkZ - V*2 d S^V*^ (3) 

The velocity ratio, V*, is calculated by solving first for Q at 
a point on the arc from the known value of C at that point. V* 
on the right hand side of the equation is thin assumed to equal 
sin 8 and the integration is performed yielding a new approxi- 
mation of V*. The process is continued until two consecutive 
approximations of V* are sufficiently close. 

The constant of integration is the value of V* at the stagnation 
line. 

If the stagnation C ie known, the value of V* at the stagnation 
line may be calculaled. 

.2   Ä2  _ ,  . P, _2r ....2/7  .-,^2 V** - Q u - I - 3 [(.TirCp+l)*" - l]/tf 

v*..- -IAV* )J LB LB' 

The iteration it than parfozmed with V* at the stagnation Una 
fixed. If the stagnation Gp it not known, it can be calculated 
from compressible flow aquations, stagnating only the component 
noxmal to the leading edge. 

• ■*' .       - ^ 
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2.5      COMVERSION FROM Cp DATA TO U*. V* DATA (Continued) 

This U*, V* Iteration program, 919K , punches the final values 
of U* versus ^    In the proper format for use In the boundary 
layer Input program, BB62A. 

2.6 

O 

THE F0* PARAMETER 

The optimum suction can be determined by a process of successive 
approximations or by direct calculation from the program. The 
program contains an option statement th.it determines the required 
suction distribution to satisfy the boundary layer stability 
criteria for given Input conditions. Otherwise, for an Initial 
suction distribution, the boundary layer development Is calculated 
and the stability determined. (Appendix A outlines the calculation 
step for each version.) 

The suction Is specified by the suction parameter, F0*, where F0* 
is a continuous function of arc chord.    Although the'LFC system 
provides for suction through discrete slots, the boundary layer 
stability Is calculated assuming a continuous suction distri- 
bution,  such as might be obtained through a hypothetical porous 
wing surface.    The suction parameter F *  is defined! 

'o* 

where 

wt      - 

Re - 

Qo« - 

X«wa 11 

Ac« - 

Footnote 

(l*IXIwall/1,lc)/VAol) 

suction inflow velocity (for inflow, w« is 
negative, but for outflow, w* is positive) 

Chord Reynolds number 

Free stream velocity 

Density within boundary layer at wing surface 

Free stream density 

919K, BB62A, and BB63A are deck numbers assigned by Norelr to the digitel 
computer programs.   9I9K denotes the U*, V* iteration deck, BB62denotes 
the boundary layer input deck, and BB65A denotes the boundary layer 
integration and aumsary deck. 

v 
»-•i r • 
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2.6 THE FQ    PARAMETER (Continued) 

Thus, F  Is always negative for suction. Figures 2.3 and 2.4 

present typical distributions of F0 . 

2.7 DIGITAL COMPUTER PROGRAMS 

All data required for the boundary layer programs have now been 
determined.    The program BB62A/5A requires Inputs of two differ- 
ent types.    General  Inputs referring to physical quantities and 
control-type indicators referring to the internal structure of 
the computing method are used in the program. 

General input information requiredt     (1)  freestream Mach number, 
temperature and static pressure}  (2) geometric Information as 0. 
and 9. (leading edge and trailing edge sweep angles),  reference 

chord C, and when the computation starts at the leading edge, 
V*, the non-dimensional velocity component along the leading edge 
at the front attachment line for swept «rings;  (3) when the calcu- 
lation starting point is not at the front attachment line,  the 
initial profiles are required; and (4)  the U* and F0* distributions 
when the latter is an input to the program.    Control-type indica- 
tors are required that state integration step inputs,  flow 
parameters to be used by the integration phase of the program, 
printed or punched output, iritial profile iteration steps and 
direct suction input data. 

Usually the boundary layer computations for a wing begin at the 
flow attachment line at the leading edge, and no starting boundary 
layer profiles are required.   The program automatically computes 
the starting profiles in this case.    However, if the computation 
is begun at some chordwlse station downstream of the flow attach- 
ment line, starting profiles for the spanwiso velocity parameter 
(v - v»/Q»),  the temperature parameter (t * r«t«/Q«0

2)» and the 
shear coefficient cp as defined in Reference 1 are required.    The 
boundary layer profiles of the forward derivatives of these 
parameters also are required.1   These starting profiles normally 
are taken from a previous computstion wherein print out of the 
profiles has been requested.    In the print out, the FORTRAN 

() 
See footnote on next page. 

-• •   0 
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2.7      DIGI1AL COMPUTKR PROGRAMS  (Continued) 

language for the parameters v, t, and cp are V» T, and PHI, 
respectively; and the print out of the forward derivatives 
are designated VA, TA,  and SA,  respectively.    The starting 
profiles need not be exact,  because the program iterates 
on the starting profiles until they are compatible with the 
continued development of the boundary layer.    Appendix E 
includes a sample of a key punch form for starting profiles 
to be used if required. 

2 
It is wise to check the distribution of C versus C and F * 

2 P 0 

versus § to identify any errors In tabulating or key punching 
the data, and to determine if an adequate number of points has 
been used for a correct interpolation. The curve fitting sub- 
routines of BB62A/SA and 919K fit the input data points with 
cubic equations. If the input curve of U* or F * is not 
similar to a cubic curve, the points must be spaced carefully 
to obtain a satisfactory curve fit. Rules for selecting input 
data points and key punch forms for BB62A/SA are given in 
Appendices C and E. 

Footnote 

In the difference method of solution of the boundary layer 
equations, associated with each point is a par^ilelopiped domain 
which is replaced by a lattice of points with constant spacings 
a, b, c and integer Indices i, J, k in the coordinate directions. 

In this lattice the dependant variables v, t, and 9 and the 
derivetives are replaced by their set uf values at die lattice 
points, each such value being Identified by the subscript 1, J 
k as necessary.   Forward derivative Is Interpreted as the vslues 
of the first derlvstlvs of the dependent variables In the 1 or 
chordwise direction. 

" 
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2.7 DIGITAL COMPUTER PROGRAMS (Continued) 

The parameters calculated by the Raetz boundary layer integration 
method are in a non-dimensional  form.    Additional calculations are 
required to reduce the data  to. conventional quantities.    The 
boundary layer program thus consists of two distinct sets of calcu- 
lations:     (1)  the numerical integration of the boundary layer 
equations for V,  T,  and PHI and the calculation of certain non- 
dimensional parameters» and (2)  the sunmary phase in which the 
integration results are converted to conventional boundary layer 
parameters.    A magnetic tape is used to connect the two sets of 
calculations.    Subroutines have been added to calculate R«    and 
to print dimensional velocity profiles. 

Appendix E presents keypunch forms and Appendix F presents defini- 
tions of the parameters printed by the sunmary part of the program. 

2.8 LAMINAR BOUNDARY LAYER STABILITY 

Because low energy boundary layer air on a swept wing tends to be 
deflected toward regions of lower static pressure, both the 
direction and the magnitude of the boundary layer velocity vectors 
will vary with height from the wing surface. The locus of the 
velocity vectors at a given point on the wing will form a three- 
dimensional surface as in Figure 1.1 of Section 1. This velocity 
surface can be projected onto planes In the potential flow direction 
and normal to the potential flow direction, giving tangential (or 
longitudinal) and crossflow (or transverse) velocity profiles. With 
this projection, the crossflow velocity vanishes at the outer edge 
of the boundary layer. Figure 1.5 shows the general shapes of these 
profiles. The crossflow profile changes direction, being directed 
Inboard for the forward part of the wing (the region of decreasing 
pressure) and outboard for the aft wing (the region of Increasing 
pressure). Figure 1.5 of Section 1 shows typical crossflow profiles 
at various chordwlse locations. 

The subject of boundary layer stability is discussed in more 
detail in Section I« However, a review is appropriate at this 
time, using the notation applicable to this section of the report* 

The stability of • laminar boundary layer will depend on both 
tangential and crossflow profiles. Aft of the stagnation line, 
the crossflow profile is more critical and, in most cases, a con- 
sideration of only crossflow stability is sufficient. At the 
stagnation line the tangential profile will be in the V» direction, 
directed toward the tip along the leading edge. There is no cross- 
flow profile at the stagnation line. 

Boundary layer stability is determined ttam two Reynolds numbers, 
a crossflow Reynold« number and a oMMentum thickness Reynolds 
number. The crossflow Reynolds number is defined 

. ""^ . 
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2.8      LAMINAR BOUNDARY LAYER STABILITY  (Continued) 

Wmmmtmmm   i 

R Ö.1 max   O.ln' 

where 

A»)/|i  •     (called actual 
max e        crossflow Reynolds 

number) 

n' max 

«• 0.1 n' max 

Maximum value of crossflow velocity 

Height from surface where n'  is one tenth 
its maximum value 

(Notes    There are two such points for a typical crossflow profile; 

'o.l n' the one furthest from the wing surface is z' 
See Figure 2.5.) max 

V Viscosity at the outer edge of the 
boundary layer 

A'        =    Density at outer edge of boundary layer 

The tangential momentum thickness Reynolds number is defined 

R« 
SB 

where 

Q' 

A« 

V 

&• ss 

(Q«6«    A»)/u  • ^      ss       ^e 

Local potential flow velocity 

Density at the outer edge of the 
boundary layer 

Viscosity at the outer edge of the 
boundary layer 

r*(X«/A«) (l-s'/Q«) (s'/Q')d»« 

Fron results of numerical Integration of the Orr-Somncrfcld 
equations» Dr. Wj B. Brown has found a linear equation relating 
the minimum crossflow stability Reynolds number, I.   and 

mmin 
the second derivative of the crossflow velocity at the wall. 
Vlnd tunnel teats on a 7 ft. chord swept wing deference 3) 
demonstrated that laminar fhow could be sMintalned for crossflow 
Reynolds number US times the theoretical minimum value. Figure 
2.6 shows 1^  , and i^ - 1.8 1- 

iln 
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2.8      LAMINAR BOUNDARY LAYER STABILITY  (Continued) 

To evaluate crossflow stability from results of the IBM programs» 
the actual and critical magnitudes are compared.    The actual value 
of Rn  .//Re (labelled R0.1 in the IBM print out)  is computed in 
the program from the calculated crossflow velocity profile.    The 
critical value, Rn //Rc (labelled RNS)  is evaluated in the program 
from the second derivative at the wall. 

NZZ = (Ö (n,/n,max)/a(z,/z,0.1 n- max 

and from the linear equation 

«ns 
= 102 - 1.29 N ZZ* 

leynolds numbers can be plotted as a function of the 
:, § . The actual crossflow Reynolds number printed 

These two Rej 
surface arc, 
by the integration program will have a plus or minus sign to 
indicate the direction of crossflow, the positive sign indicating 
flow toward the fuselage and the negative sign flow toward the 
wing tip. The sign of the critical crossflow Reynolds number is 
given, and is the same as that of the actual crossflow Reynolds 
number at the same §2, if the absolute value of Rn //Rc exceeds 
the absolute value of R0 .//R , suction is adequate for stability. 

A criterion for a stable tangential boundary layer profile is 
shown in Section 1. The allowable tangential momentum thickness 
Reynolds number is specified by equation and by graph as a 
function of the second derivative of the tangential velocity 
profile at the wall. Both the neutral stability value and a 
somewhat higher value of momentum thickness Reynolds number, 
determined from tests, are shown. Tangential instability is 
most likely to occur in tha mid-chord region at high values of 
chord Reynolds number. In the mid-chord region» with a flat 
chordwis« pressure gradient, suction requirmsents for crossflow 
stability are quite low because the boundary layer air Is 
deflected only slightly from the potential flow direction. Suction 
Increases may be required In the mid-chord region to reduce R^ss 
to a satisfactory value» The IM program prints out Ba  labelled 
RDELSS and, If dimensional data Is requested, IA  IS   also 
printed out and Is labelled TANGRT. 

During flight tests of the X-2U, It was discovered that the 
leading edge region of a swept wing Is particularly sensitive 
to disturbances. Disturbances In the stagnation region of a 
swept wing may cause turbulence which spreads spenwlse along the 
leading edge Instead of producing chordwlse turbulent wedges. 

,T 
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2.8  LAMINAR BOUNDABY LAYER STABILITY (Continued) 

Wind tunnel tests (Reference,4) Indicated that a disturbance would 
cause complete spanwise contamination when the stagnatirn line 
momentum thickness Reynolds number was greater than approximately 
100. However, if the disturbance is located aft of the point where 
the potential flow velocity vector has turned 10.6 degrees from the 
stagnation line, the turbulence will spread chordwise rather than 
spanwise (Reference 5). 

The stability of the laminar boundary layer in the stagnation zone 
can be estimated from results of the IBM calculations. The attach- 
ment line momentum thickness Reynolds number is based on the attach- 
ment line momentum thickness, the spanwise velocity along the leading 
edge and the external kinematic viscosity. This Reynolds number is 
identical to Rg  at the attachment line.along which Q' equals V. 

Therefore, to determine the stability of the leading edge boundary 
layer, the calculated value of R«  can be compared with Its critical 

ss 
value of 100. This stability criterion should be applied from the 
attachment line to the point where the potential flow velocity vector 
has turned 10.6 degrees from the leading edge sweep angle. As the 
following sketch shows, this point can be located by determining 
where the variable U - U'/Q» attains the value of sin 10.6° ~ 0.184. 
U is not printed out by the IBM program, but can be obtained from 
the equation U - U*/Q. U* and Q are printed out on the IBM program. 

Aft of this point, crossflow again becoaes the critical factor 
in detaralnlng stability« At low unit Reynolds numbers or with 
■■all leading edge radii« loading odgo suction may not bo required. 

* 
■ r   —' 



ORM 20-7A 
(R i i-ea) CNSINtCR 

CHCCKCR 

DATE 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

PA« 

2.22 
RCMRT NO« 

NOR 67-136 
MODEL 

X-21A 

2.8 LAMINAR BOUNDARY LAYER STABILITY (Continued) 

The two numerical  stability  limits for Re     ,   the critical  turning 
ss 

angle of 10.6 degrees, and the multiplying factor of  1.8 for the 
minimum crossflow stability  limit Reynolds number, R^   , have all 
been determined experimentally.    These stability criteria are 
tentative and representative of mean conditions.    In a specific 
case the criteria may be exceeded or may be smaller depending 
upon geometric and flow characteristics. 

2.9 OPTIMIZATION OF SUCTION DISTRIBUTION 

As discussed in Section 2.8, the stability of the laminar boundary 
layer is determined from the comparison of actual and critical 
Reynolds numbers. In the design of an LFC wing, it is desirable 
to find a suction distribution which is just adequate to maintain 
a stable laminar boundary layer in the presence of small dis- 
turbances. Excessive suction is inefficient because it requires 
more work by the pumping system. It may actually be harmful 
because a very thin boundary layer is extremely sensitive to 
surface roughness. Hence if the critical crossflow Reynolds 
number is much larger than the actual crossflow Reynolds number, 
the suction shoubl be reduced. 

The optimum suction distribution is found by the process of 
obtaining the adequate velocity profile that satisfies the 
boundary layer stability criteria. This process is automatically 
carried out in the program if the option of direct suction is 
requested. An outline of the program mode of operation for direct 
suction calculations is shown in Appendix G. 

The required F0* will depend on the margin between the actual 
and critical stability Reynolds numbers, on the chordwlse location 
(leading edge, midchord, or aft chord), the C. distribution, the 
chord Reynolds number, compressibility effect», and wing geometry. 
In general, a swept wing will require high sucticn at the leading 
edge to control crossflow and leading adge instabilities, low 
auction in the midchord region, and high suction to control cross- 
flow instability in the region of the rear pressure rise. This 
shape applies to both the upper and the lower surfaces, but the 
upper surface will have a higher leading edge suction peak. 

2.10 OTHBR APPLICATIONS OF IHK B0ÜWDARY LAYKR PKOCIUM 

2.10.1 BOUNDARY LAYER MVKLQgMKMT WITH HO SUCTION 

The growth of the laaiinar boundary layer without suction can 
be obtained by Mt ting F0* equal to aero and the option for 
direct suction equal to «ero. A distribution of five points 
(one card) with all F^'a equal to aero ia uaed. The 
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BB62A/SA program will calculate the boundary layer develop- 
ment up to the point where laminar separation begins.    At 
this point the numerical Integration diverges and meaning- 
less numbers are calculated.    However,  the program will 
continue calculating with these meaningless numbers until 
It reaches a point where one of the values of the temperature 
profile (t = rt'/Qo1  ) becomes negative.    Then the remark 
"T IS NEGATIVE" Is printed out and execution stops.    In this 
case,  sumnary Information Is not calculated. 

To obtain sumnary data,  It Is necessary to stop the Integra- 
tion before t becomes negative.    It Is usually satisfactory 
to stop the Integration before a positive chordwise pressure 
gradient (usually,  the "rear pressure rise") Is encountered. 
The way to determine how far aft the data are usable is by 
observing the divergence of the profile shapes from normal 
profile shapes. 

Stability of the laminar boundary layer with no suction 
can be determined from the tangential and crossflow Reynolds 
numbers as explained in Section 2.8.    This no-suction sta- 
bility calculation enables one to determine the required 
location of the first suction slot for a given flight condition, 

No«suction calculations can also be performed to determine 
whether a proposed slot can be eliminated.    This has been 
done in the X-21A program In a region of four slots to 
determine if the third slot could be eliminated.    A continuous 
suction distribution which dropped to zero was assumed forward 
of the point midway between the first two slots.    The profile 
at this point was then used as an initial profile for a 
no-suction run to the second slot.    Plow through slot number 
2 was determined by calcu'...ting the amount of boundary layer 
air removed based on requirements determined in a previous 
continuous suction analysis.    The boundary layer profiles 
at the rear of the slot were found using the continuity, 
energy, and momentum equations for compressible flow.    These 
profiles were then used as initial profiles for a second 
no-suction run. 

2.10.2    BOWDABY LAYER THICHIB88. WAKE D1AC AHD SUCTIOM MAC 

The thickness of the laminar boundary layer, ft», can he 
defined as the height at which the boundary layer velocity 
Is 99.75 percent of the potential flow velocity.   This 
boundary layer thickness can be obtained directly If dimen- 
sional print-out is requested.    Than •• (In Inches) la 
printed out at each print-out station as the value of s« 
corresponding to K > 2.0 on the Integration phase print-outv 

«here 20 calculation steps are made through the boundary 
layer. 

- 

. 
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(If dimensional print-out Is not requested» 6* can be 
obtained fromZRv) 

The local wake drag coefficient for an LFC wing can be 
obtained from the free stream Mach number, the trailing 
edge angle, and the values of T, P, DELIIUR, DELVUR and 
USTAR printed for the trailing edge by the computer program. 
By use of the momentum theorem for flow through a streamtube, 
the wake drag coefficient can be expressed in terms of the 
trailing edge sweep angle and the values of the momentum 
thicknesses, 6*  and 6'  at a station far downstream. 

proof, see Reference 6). 

(For 

c^ -■ 2 cos e2(e »UUaB cos  e2 + 6» „.•u.' V/c. 

where 

«•     » Jd-ui/U») (u«/UO (XtMO dsi 

«i     -Jd-vi/V«) (u«/U«) (X'/A«) ds« 

and the subscript » denotes downstream values. The downstream 
values of 6'  and 6" are related to their values at the 

uu     vu 
trailing edge by Integrating the wake momentum equations (as 
derived by Squire and Young in Reference 7) yielding the 
relatlonst 

H+5 

et^« (UI/U0«)6«V^B 

Since the computer program solves the boundary layer aquations 
assuming laminar Clow, the value of the calculated shape 
factor, H, 1« a laminar value. In the wake behind the wing, 
the flow becomes turbulent. The Squire and Young relation- 
ship between the trailing edge and downstream values of 
fi«  applies to turbulent flow« The assumption is made that 
at the trailing edge, H changes from a laminar value to a 
turbulent value without changes in the trailing edge momentum 
thicknesses, I*  and •*,_,• For incompressible turbulent 

flow, H at tba trailing edge is approximately equal to 1.4. 
The compreaaible value of H la related to ita Incompressible 
value by the equation 

* - • &' 
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2.10.2    BOUNDARY LAYER THICKNESS, WAKE DRAG AND SUCTION DRAG  (Continued) 

H = OL +1)  (1+0.2M2)/(1.4TM2)-1 comp incomp 

and for an incompressible turbulent H of 1.4 

H = 1.2(1-H).2M2)/(.7TM2)-1 
comp 

This value of H is used in the equation for 6 > uu 

Appendix H presents a calculation for   the wake drag   a- 
coefficieut of an LFC wing.    In this form the computations 
have been simplified using the relationship A'/AQ1 ■ P/T and 
U«/U0« = U*/cos 02. 

The foregoing calculation of wake drag coefficient is used 
in conjunction with a theoretical calculation of boundary 
layer development on the wing.    The calculation of wake drag 
coefficient based on flight test measurements of the trailing 
edge boundary layer pressure measurements is made by Chang's 
method,  referencad in Section 12. 

The equation used to compute the incremental value of 
equivalent suction drag coefficients is 

<«CDA: mf*{ 1,0+ t« wall   li  
0.2 T0iM2 LVpT1" 

hi 
■ 0.035MZ r- -0 

This aquation was derived assuming that the pressure drop 
through the slots is five percent of the free stream dynamic 
pressure, ^Ao'COo1) » «nd that the suction chamber tempera- 
ture is the same as that at the wing surface.   Appendix I 
present« a calculation form for the incremental value of 
equivalent suction drag coefficient. 

An estimate of the local suction drag for a given distri- 
bution of suction parameter and pressure coefficient can be 
obtained by plotting dCo- vs. 52, Integrating and multiplying 
the result by the square root of the chord Reynolds number. 
Than the total section drag coefficient Is equal to the sum 
of the section wake drag coefficient, c^, and the section 
suction drag coefficient c^ .    Of course, If the details of 
the pumping system are known, the suction drag should be 
calculated by the methods of Section 12 and not by this       V 
method* 

. -■ 
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2.10.3    CALCU1ATI0M OF THE THEORETICAL STABILITY OF FLIGHT TEST 
SUCTIOW REQUIREMHiTS 

The boundary layer programs can be used to calculate the 
predicted stability of a tested suction.    In the X-21A tests, 
the actual surface static pressure distributions were measured, 
using flush static orifices at Wing Station 330 (y/(2b) ■ 
.588)  and strip-a-tube at other wing stations.    From these 
pressures,  the Cp and U* distributions were obtained.    Pressures 
in the ducts were measured by static pressure orifices at the 
duct ends.    The pressure variation along a duct had previously 
been calculated, hence the duct pressures could be found for 
the same wing station as the surface static pressures.    The 
flow rate, w (lbs/sec), was determined for each duct from 
known relationships between the non-dimensional duct pressure 
drop  (pj-p  )/p(i» and the flow rate parameter,  (W/T')/PH* 
F0* was determined from w.    The laminar boundary layer develop- 
ment was calculated as usual and compared with the indications 
of laminar flow in flight. 

For examples thus far calculated, when laminar flow has bean 
indicated by the total pressure probes,  the suction was 
adequate or more than adequate.    Figures 2.7 and 2.8 show 
distributions of F0*, RQ I//R

C» and t^ //t   for examples of 

flight test suction distributions from the X-21A program. 

2.10.*    DETERMINATION OF  "STREAMLINES" 

Strictly speaking, a streamline defines the path of a particle 
of fluid.    In regard to streamlines within the boundary layer 
of a wing laminarized by suction,  the fluid particles progress 
toward the surface and disappear into the wing.    Thus a true 
streamline within the boundary layer might b'tln at some chord- 
wise station aft of the leading edge, progress downward through 
the boundary layer, and disappear at a downstream chordwise 
station.    A more meaningful deteralnation of boundary layer 
flow paths across the chord of a wing can be made by neglecting 
the component of velocity normal to the wing surface and 
examining only the u» and v»  components of velocity.    In this 
way the flow path at any height within the boundary Layer (e.g., 
at the outer edge or at aid-height) can be determined. 

The following equation holds for any 
parallel to the wing surfaces 

ui dLi - v' dxa' - 0 

streamline" or flow path 

• if 
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2.10.4    DETEBMINATION OF fflTBKAMT.TNES" (Continued) 

In the swept wing coordinate system 

dL« = L •  dTl 

so 

dxa' = d (?Z)Y0TlLo'?d? 

u'L  •dr;-v'2Y 7]L  'gd? = 0 o     ' o ' o      ' 

<ni/d5 - (v'/u')2YoT15 

and since for a swept wing a1 = 2L 'Tj^Y 

*l/«.tr«.U.. " (<"/V' <»'/•"> 

The deflection of the "streamlines" from the surface arc at 
any arc chord station § are obtained by integration. The 
following sketch clarifies the relation: 

^iföPh 

Actually, the integration cannot be performed explicitly 
because v'/u*  it indetexuinatc at the leading edge.    However, 
• good approximation to the integral la obtained by plotting 
djl versus 5 *nd integrating graphically. 
« 

An example of the potantfal flow "streamline" path across a 
swept LtC wing It shown la Figure 1.2. 

■HMM 
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2.13    APPPIDIX A 

SUCTION DISTRIBUTION CALCUIATION STEPS 

1. Determine geometry, 6^ Oj,  c', c^, x», xa«, Lo'. 

2. Measure or compute surface static pressure distributions. 
Plot the pressure coefficient, C , versus §2 from the 
stagnation point along the surface arc.    Fill out key punch 
forms for 919K. 

3. Convert C* data to U*, V* data using the comnuter program, 
919K, which punches cards of the U* versus g* distribution. 
Check results. 

4. Determine the distribution of the suction parameter, F *, 
versus 5^» only when direct suction version is not requested. 

5. Fill out key punch forms, set up deck, and run Input and 
•tirtegratlon programs BB62-A and BB65-A. 

6. Analyse the stability of the laminar boundary layer from 
parameters calculated by BB65/A. 

a) Plot IU ./A   (labelled RO.I), and Rn /A (labelled U.i  c        « s  c 
BNS), and F * versus 5 . Compare RO.I and RNS. RO.I 

must be less than BNS for crossflow stability. 

b) For tangential boundary layer stability, verify that 
R.  is compatible with the criteria of Section 1. 

c) For leading edge stability, check that R^  is less than 
100 in the stagnation region. " 

These steps a, b, and c are required only when suction is an input 
to the program. 
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2.14   APPTODIX B 

DERIVATION OF THE IRKOTATIOMALITY OOWDITIOH FOR SWEPT TAPERED WIWGS 

Reference 1 defines the external vortlclty, 0', by the following 
equation 

fit « Cö(piV«)/ö?-a(cr«U«)/aTl]/a,0« 

where the definitions of symbols sre 

a«  « axa»/a5 

U»    =   Component of locsl potential  flow velocity normal to 
element line 

Vi    -   Component of local potential flow velocity along 
element line 

and x * and L> are defined by Figure 2.1. 

If the external flow is isentropic, fi» >■ 0.    Then 

aO'vo/a?- a(or»ut)/dTi 

Dividing by Qo«f 

8(3 W/O? « d(atu*)/8n 

P!dV*/a5+V*öei/ö5 - at?kü*/aTHV*fcrt/dT) 

Proa the geometry of a swept tapered wing (Figur« I), 

o 

x% - L«Y - L  t TlS^c 

«• - ^V/H - 2 L0tT||T0 

. 
" .■ 

m - v 
■ 
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2.14   APPBiDIX B (Continued) 

DERIVATIOW OF THE IREOTATIOMALITY CONDITION FOE SWEPT TAPKRKD WINGS 

de«/a? = 0 

and from the definition of a similar solution, dlP/dT) 

Hence 

L0«dV*/a5 - U*2 L0t?Y0 

öv*/d§ - u*va2)/a5 

av*/d(52) - un0 

A2 2 V* - Y0J^ U*d(§ ) + const. 

0. 
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2.15 APPENDIX C 
RULES FOR SELECTING POINTS FOR CURVE FITTING SUBROITTINES 

The continuous derivative curve fitting and interpolation sub- 
routines are used in the boundary layer input program, BB62A, and 
in the U*, V* iteration program, 919K. The curve fitting sub- 
routine fits a cubic equation to each set of two input points, 
(x^, y^) and (x1+1, yi+i). This is accomplished by writing a 
cubic equation which passes through the two points of the ith 
interval with unknown coefficients, a. and b.. The coefficients 
can be determined by setting the first and second derivatives of 
the Interpolation cubics for the ith and the (i+l)th intervals 
equal at x> x<+i' A second subroutine will interpolate for speci- 
fied values of the independent variable x using the cubic equation 
with the calculated coefficients. 

The subroutines will handle almost any type of input curve if the 
data points are properly selected according to the following rules: 

1. The independent variable x must be sequenced from the 
minimum value to the maximum value. 

2. For each value of x on the input curve, tnere must be one 
and only one value of y, i.e. y« f(x) is a single valued 
function. (Of course, one y may correspond to more than one 
x.) 

3. The interpolation method may be considered analogous to 
passing a flexible beam through the points xi, y«. There- 
fore, the user should consider whether the curve can "escape* 
from the desired shape with his proposed selection of input 
data points. Generally, points should be closely spaced 
where the curve has sharp corners and rapid changes of deri- 
vatives. 

A. Rapid changes of the spacing interval are unadvisable. A 
usable rule of thumb states that an Interval should not be 
more than double nor less than half the preceding interval. 

■i ,/ • t 
*- 

Figures 01'and 02 show a •«■pie Po* curve with satisfactory 
and unsatisfactory selection of input data points. 

" ** 
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2.16 APPQIDIXJD 

DECK SET UP FOR 919K (U* V* ITEBATION PROGRAM) 

There are two versions of 919K, version A which iterates to find 
V* at the leading edge and version B which uses an input value of 
V*.. The deck set up is 

1. 919K deck, either version. 

2. Subroutines - any order but must include 

CCDIS 
TDSEQ 
SIGMA 
SUM! 

3. Card #100It Mach number, 6., 8.* accuracy. 

4. Card #1002} Dumber of C , case identification. 
P 

2 
3.    Cards #1003 and subsequent cards t    5    and C   values 

listed in order of increasing ?*. p 

6.    For version B, a card giving V* at the leading edge. 
No card for version A. 

For additional cases repeat steps 3 through 6. 

Control cards may be required by the particular digital computer 
system.    For the Noralr 7090 FIB system, three cards are required« 

1. $ EXECUTE 

2. * XEQ 

3. * DATA 

FIB  first card 

second card, placed before program deck. 

placed between program deck and data, 
before card #1001 li. this Instance. 

• 

•■  
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2.17    APPPtDIX E 

Deck Set Up for Boundary Layer Input Program BB62-A and Inte- 
gration Program BB65-A. 

1. Control Cards  $ Execute Fib (for Northrop•« 7090 IBM System) 

2. Control Cardt *XEQ (for Northrop>s 7090 IBM System) 

3. Cardt Chain (1,' 8) 

4. BB62A Program Deck (Main input program and subroutines) 

5. Cardt Chain (2, 8) 

6. BB65-A Program Deck (Main integration program and subroutines) 

7. Cardt Chain (3, 8) 

8. Three cards corresponding to subroutine chain (3, 8) 

9. Control Cardt *Data (for Northrop«s 7090 IBM System) 

DATA REQUIRED BY INPUT PROGRAM BB62-A 

10. Card It Control Card (for Northrop<s 7090 IBM System) 

PROGRAM IDENTIFICATION 

11. Card 2t General Inputs 

12. Card 3t Integration Steps Inputs 

13. Card 4t Set of Programming Control Indicators 

14. Card 5t Symbols Card 

15. Card 6t Number of U* Data Points 

16. Card 7 to (m-l)t i   versus U* Distribution 

17. Card mi Number of F0* Deta Points 
2 

18. Cards (mfl) to nt ?   versus F0* Distribution 

. 
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19. Card (n+l)j    Input Data Required for Direct Suction Calculations 

DATA REQUIRED BY INTEGRATION PROGRAM BB65-A 

20. Card (n+2):    Set of Programing Control Indicators 

21. Card (n+3):    Set of Control Indicators for Printout Purposes 

22. Cards (irt-4)  to (n+40):     Set of Optional Initial ProflUs 

EXPUNATICM OF BB62A/5A KEY PUNCH FORM 

Card It        Column li    write 1 

Columns U.19i    write INPUT 

Columns 20-72, alpha numeric data to Identify case being 
calculated. 

Card 2t        General Inputs.    Format (7 F10.5, 12) 

Columns 1-10, Free stream Mach number 

Columns 11-20, Free stream temperature In ( K) 

Columns li-30, Free stream static pressure In atmospheres 

Columns 31-40, wing leading edge sweep angle In radians, d. 

Columns 41-50, wing tral  Ing edge sweep angle in radians, d. 

Columns 51-60, wing leading edge non-dimensional potential 
flow velocity V*L,B.  (with the current program 
the selection Is V*L>£# - sin Oj) 

Columns 61-70, reference chord in feet 

Columns 71-72, control indicator "L CODE," write 0 or 1} if 
•;L CODE" ■ 0, L»0 is supplied in the output 
in feet 

If "L CODE" • 1, L»0 is supplied non-dimen- 
sional ly 

NOTEt     If "L CODE" - 0, a later used indicator in the 
integration program called "BIO (14)" must also 
be made serai if "L CODE« m 1, then IMO (14) - 1. 

■ 
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Card 3:   Integration step inputs. Format (2 F10.5, 1015) 

Columns 1-10:  Step length internval along the I  direction 
FORTRAN nameI DELSKI - A§ 

Columns U-20: Step length interval along the T) direction 
FORTRAN name:  DELETA - AT) 
(Use o.o when 2-dimensional case is considered) 

Columns 21-25: Maximum number of steps in the 5 direction 
FORTRAN name: IMAX = imax 

Columns 26-30: Print out frequency along the chord 
FORTRAN n*mei IFRQ 

Columns 31-35: First chord station at which computation starts 
FORTRAN name: IMID - starting value of I 
If starting at leading edge IMID - 0 

Columns 36-40: Maximum number of steps in the T) direction 
FORTRAN name: JMAX m  jnax 
(use o.o when 2-dimensional case is considered) 

Columns 41-45: Print out frequency along the "H direction 
FORTRAN nasae: JFRQ (use o.o) 

Card 4:   Control Indicators:  Format (3011) 

Each indicator called "IND(  )*' is defined by a number 0 or 
1. 

IND(l) to IND(20): If any of these indicators is xero, the 
corresponding boundary layer equation coefficient A that has 
the same indicator subscript is not calculated. If any indi- 
cator is 1, the corresponding A coefficient is calculated. 

IND(l) 

IND(2) 

1 

0 

1 

0 

AI is computed 

Al la not computed 

A2 Is computed 

A2 It not computed 

■ 
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INO(20) A20 is computed 

A20 is not computed 

IND(21) to IND(28) are not used in program; set equal to 0. 
IND(29) is used for non-stagnation zero calculation. 

If IND(29) » 1,  then the starting value of I «= 0 is 
hot the. stagnation point. 

If IND(29) > 0, then the starting value of I = 0 is 
the stagnation point. 

IND(30):    If zero, integration program (linked to the input 
program through a "CHAIN JOB") is executed} if I,  it is not 
executed. 

For "similar solution"  swept tapered wing, A(7)^A(11)=^(12)= 
A(14Hl(18H). 

Card 5t      Symbols card.    Format (12A6) 

As shown, unless program is changed, IT is used to print out 
the names of the variables UX(1) to UX(10) which are calcu- 
lated in subroutine SUB4.    The user may choose to change the 
program to calculate different sets of variables.    With the 
current program the selection ist 

UX(l)| XI-8Q - 5' 

UX(2)| ü* - ü'/Qo* 

ül(3)| V* - Vt/Qoi 

■ 

UX(6)» F0*  - fo* 

UX(7); »/FT - lot Q F/NT* 

UX(8)| XA(PT) ■ Ci(Li) (81.62);' 
C« 

BO 



■■-■■■''-•'i&.-ftfmw*     «,  mewwwv- 

fotlu 20-1A 
(■«•II-«*) 

o 

CNtlHKCR 

CHCCKCN 

DATI 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

2.51 
MMRTM. 

NOR-67-136 
MOML 

X-21A 

UX(4)j  CP = cp UX(9); THETA = 0 =(61-02)5' 

UX(5)| Q= (U*2+V*2)^     UX(IO); X/C 

Li co» 9i/»ln Oi   . tin >\ 
c« \cos $1    cos ey 

Card 6t      Number of U* data point«.    Format (15) 

Columns 1  to 5>     Number of points supplied In the given 
tangential potential flow velocity distri- 
bution along the chord (U* vs 5 )•    Maximum ■ 
100). 

Columns 6 to 71;    Not used in program; available to user to 
identify case. 

2 
Card 7 to (m-1)    I    versus U* distribution.    Format (10F7.4) 

With 10 spaces of 7 columns each per card,  the given U* versus 
g2 distribution, in order of increasing §*. 
(Maximum of 20 cards) 

Card mi       Number of F0    data points.    Format 15 

Columns 1  to 5t ven Number of points supplied in the give 
suction F0 coefficient distribution. 
(Maxi - 100) 

Columns 6 to 71t    Not used in program, available for identi- 
fication. 

2 * 
Card (nrfl) to nt    I    versus F0    distribution.    Format (10F7.4) 

Suction coefficient distribution inputed as done with the 
U* distribution.    (Maximum of 20 cards) 

Card nfl   Direct suction Input data.    Format (II, 5F10.5) 

Coluan It First column Is reserved for IN0(15) 

If IMOdS) - 0 a suction coefficient 
distribution is Inputed as done In cards 
(mfl) to n. 

-N 

mm 

-.   " ^ 
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If IND(15) ~ 1 the program will calculate 
the suction coefficient distribution to 
satisfy certain stability criterias and the 
corresponding boundary  layer development. 

Columns 2-llt SARG,  defines the minimum margin of crossflow 
stability.     SARG = (RNS)   -(R0.1).     If 
considerable margin is required, a value of 
0.004 is appropriate;  if no margin is 
required a value of SARG =0.0 may be used 
(RNS - R0.1). 

Columns 12.21] TARG,  defines the maximum momentum thickness 
Reynolds number Re max (called TANCRT in 
program) for the tangential  flow stability 
criteria. 

( 

Columns 22-31: SLP,  defines the maximum rate at which the 
suction coefficient may vary along the chord. 
A value of SLP ■ 70 should be used. 

Columns 32-41: FOMIN,  defines the minimum suction coefficient ^ 
required by the designer all along the chord 
except the L.E.  region. 

Columns 42-Sli TARG2,  defines a convenient maximum momentum 
thickness Reynolds number in the region of 
adverse pressure gradient.    In general,  a 
value of TARG 2 = k TARG with k, varying 
from .95 to 1.0, can be adopted. 

Card Rf2:    Integration program control indicators card.    Format (1415, 12)       i 

Columns l-5t Maximum number of steps in the 5 direction, 
1 max.    Same as MAX of Input program. 

Columns 6-10: IM0(l)t First chord station to be computed; 
must be sero or an even integer.    Same as IM1D 
of input program. 

Columns U-lSt IND(2); number of Iterations desired on initial 
profile, must be an even integer;  if IND{1)= 0, 
than IND(2) must be sero. 

(1 

—r-^- -    ■ --r--^j 
—   ■   
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Columns 16-20t 

Columns 2U35i 

Columns 26-30t 

Columns 31- 

Columns 36- 

35: 

40: 

IN0(3){  iteration printout frequency must 
be an even integer and a factor of IND(2); 
if IND(l) » 0,  then IND(3) must be sero. 

IND(4}| integration printout frequency, 
must be an even integer and a factor of 
imax. 

IND(5).    Side data control at j = 0.    If 
sero,  it will proceed with 2-dimensional 
calculation;  if 1,  it will proceed with 
3-dimensional calculation. 

IN0(6),  side data control at J - Jmax. 
Same as IH0(5). 

IND(7),    Boundary layer profile punch control. 

0 - no punch out desired 

1 - punch out iterated initial profile only 
(i.e.,  u,  t, cp , at last iteration station) 

2 - Punch out final integration profile only 
(i.e., v,  t, cp, Ag, L'o, va,  ta,    a at 
I - lo) 

3 - Both the iterated and integrated profiles 
are punched as described above. 

In case IND(3) and IND(4) are not factors of 
IND(2) and 1ND(1) respectively,  then the 
punched profiles will be the last calculated 
profiles and not the last printed profiles. 

Columns 41-45i      »DCS), Initial profile input indicator. 

if nod) - o [ 
IND(8) - 0 I- itlal profile Is calculated by 

progLM 

IN0(8) - I Initial profiles vt t, «p arc rM<j 
Into program 

i - &' 



I 
■    ->*■': a*.- 

CUM 20-7A 
K'   II-«»» 

i 

( 

0 

■ CNCIMCCM 
mm 

MM 

1 NORTHROP CORPORATION 
NORAIR DIVISION 

2.54 
CMECKU KMRTHO. 

NOR-67-136 
DAT! 

June 1967 
MOML 

X-21A 

If IND(l)       0 
IND(8) = 0 or IND(8) = 1.    The Initial 
profiles V, T, q), A5, L»0 and va,  ta, <pa 

from previous run are required. 

Columns 46-50» IN0(9){ Additional printout In Input program 

0 - No printout 

1 - UX functions as calculated In SUB4 are 
printed 

Columns 51-55i IND(IO)    Gas type 

0 - Ideal gas assumption will be used 

1 - Real gas assumption will be used 

Columns 56-60i IND(ll) " nj Derivative control» 2- or 3- 
dlmenslonal calculation control 

0 • 2-dlmenslonal calculation 

1 - 3-dlmenslonal calculation 

Columns 61-65i IND(12),  subscript KQ definition (vertical 
steps) 

- 0| K,, - 20 

ft 0| then IND912) - KQ (K0 even Integer) 

Columns 66-70» mD(13) Error computation (c) 

0 - Error Is not computed 

1 - Error is computed 

Columns 71-72 IMD(14) Output data dimensions control. 
If "LCODE" - 1, IND(14) - 1 and output data 
is provided dimensionsUyi  if "LCODE" « 0, 
1110(14) - 0 and part of the data is provided 
dimensionally. 

~zr~r 
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Card tt¥3t    Boundary layer profile control Indicator.    Format (915) 

Set of control indttators used to determine which particular 
functions must be printed!  their order will also determine 
their printout order.    There are 17 built-in profiles 
(BLP (k,  1)....BLP (k,  17) in internal program nomenclature) 
and 3 «more may be progranmed as required.    Only 9 indicators 
may be used.    The number defines the BLP (k) profile;  their 
sequence,  the printout order. 

NOTEi. The subsequent cards are only Included if the initial pro- 
files are supplied, avoiding the iteration process.    The 
requirements are different according to the starting point 
of calculation, i.e.,  if Istart (IND(l)) is the stagnation 
line or not.    Each profile requires a set of 6 cards. 

Cards (n+4) to (nf9)j    Initial velocity profile.    Format (AE15.8) 

(V(J,K), K - l.KMAXHl) 

FORTRAN Symbols    V      Definition!    v 

For similar solutions  JVMX
m 0 

Cards (n+10) to (nfl3)i Initial  temperature profile.    Format (4S15.8) 

(T(J,K), K - 1, KMAX-fl) 

FORTRAN Symbol! T  Definition! t 

Cards (iH-16) to (nf2l)i Initial shear stress profile. Format (4E15.8) 

(S(J,K), K - 1, KMAX+1) 

FORTRAN Symbol! S  Definition %p 

Card n+22! Step length interval along the § direction. Format (4115.8) 

Same as In Card 3* 

A?- I 

L«0 • reference length 

'  ■ 

^T: 
-■ 
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HOTEt    Value of L<o in dimensional or non-dimensional 
form depending on the value of the LCODE control 
indicator. 

FORTRAN Name 

DAL, XLOPRL 

Definition 

A5. L'o 

Values of DAL and XLOPRL used are these obtained 
from previous calculation. 

Cards (nf23) to (n+-28)i    Forward velocity derivative v*.    Format (4E15.8) 

(VA(j,K)t K = 1, KMAX+1) 

FORTRAN Symbol Definition 

VA v^ 
i 

Cards (n+29) to (n+34)i    Forward temperature derivative.    Format (4E15.8) 

(TA(J,K), K- 1, KMAX+1) 

FORTRAN Symbol        Definition 

TA ta 

Cards (n+35) to (nf40)i Forward shear derivative. Format (4B15.8) 

(SA(JfK), K- 1, KMAXfl) 

FORTRAN Symbol        Definition 

8A ipt 

NOTEi If IND(8) - 0 «nd IND(l) - 0 (atagnation starting 
point) then cards (»»-4) to (rri-40) (Initial profile 
cards) art not needed. 

If IN0(8) - 0 or INO<S)^ 1 and IND(1)# 0 (non- 
atagnation surtlng point) than cards (n+4) to 
(nfAO) ara required. 

If IND(8) - 1 and INO(l) ■ 0 (stagnation starting 
point with profllaa known fro« prevloua runa), 
than carda (nM) to (nf2l) ara required. 

Jb 
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2.19      APPENDIX F 

Definitions of Parameter* Printed by Boundary Layer Input and 
Integration Program (BB6-2A/5A). 

PRINT OUT DEFINITION 

INPUT PROGRAM 

Page 1 L Number of flow parameters (25) 

Mach No. M d  free stream Mach number 

TO PHHB T'e free stream tenparature 

DEL SKI A5 

IMAX l»wi - lo 

IFRQ Print out frequency (1) 

IMIO I start 

DEL ETA AH 

JMAX Jmax-Jo 

JPRQ Print out frequency (J) 

A(I) Input control IMD(I) 

Page 2 GIVEN UST1 

XI-SQUARE 
2 

5    coordinate direction 

U8T1 U* - U* non-dimensional veloci 

component 

Pag« 9 "VW 8UCTI0M DISTIIBUTIO« 

.2 XI-8QÜA1E 

F0-8TA1 

i 
F0» 

- 

i 
■ 

. 
mmmm 

JL 
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APiaiDIX F (Continued 

PO» 

QO' 

LO« 

LO«/C« 

RE/FT 

C« 

REO 

Page 4 I 

J 

G 

Q 

k\tk2 ,A30 

UX1, UX2,...UX10 

Po (eta) free stream absolute 
pressure (static) 

Q'O (ft/sec) free stream velocity 

L'Q (ft) if LCODB - 0 

i • R1 ^ o* o if LCODB = 1 
C» 

Ri u*P unit Reynolds number 
0Hf7 

Streamwise surface chord length in 
feet 

R'o (1/ft) free stream unit Reynolds 
number Q'0 A'o 

i, chordwise step 

J, spanwlse step (equals 0 for 
similar solutions) 

V, external flow velocity component 
(non-dimensional) 

T, external flow temperature (non- 
dimensional) 

P, external flow pressure (non- 
dimensional) 

g» wall toaperature (if specified) 

Q, external flow resultant velocity 

Al flow parameters 

UX(I) functions (defined In App. B) 

»TBGRATIOW PROGRAM 

First two pages contain general Information 

1 1 

— 
~ .  "  .,.' AJSätet^. i-aat-ArSia^lfclii«. -♦«.   '. 
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2.19     APPENDIX F (Continued) 

J 

XI-sq 

P 
pi 

P = —■.    non-dimensional pressure coeff. 
P * Ko 

Q = ^T   non-dimensional external flow 
o  velocity Q' 

GWT 

Q' 

TO* 

PO* 

g ■ (r'gO/Q1      non-dimensional wall 
temperature 

Q«   (ft/sec) 

To* (0K) T0* = Q«02/r' 

v (•*■) v-p,iV/T,o 

No. LCODE^ 0 

1 V 

2 T 

3 PHI 

4 S 

5 N 

6 U» 

7 V» 

8 T'(*K) 

9 Z 

10 N'/MO' 

11 DT/T/2 

12 DU/DZ 

BOUNDARY LAYER PROFILES BLP(l) BLP(17) 

LCODE = 0 

V 

T 

PHI 

S 

N 

U« 

V» 

T«(*K) 

Z'(ft) 

Mi/NO' 

OT'/Z* 

0U»/Zi 

LCODE f- 0 LCODE - 0 

V V 

t t 

«P <P 

s - s'/Q« S - s'/Q« 

n- n»/Q' n « n»/Q« 

»• (ft/sec) u* (ft/sec) 

v» (£t/sec) v« (ft/sec) 

f(0K) f(0K) 

•-^.' 
■•(inches) 

»»•M'o »'W0 

d(t'/Ti)/ds ^»/»••(•K/ft) 

du/ös du'/dsi (1/sec) 

"■^^^" 

~ rrr 
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2.19     APPEHDIX F (Continued) 

No. L JODE f 0 LCODE - 0 LCODE ^ 0 LCODE - 0 

DV/DZ DV«/Zi du/ds du</dzi (1/sec) 

DS/DZ DSi/Z* de/ds ds'/ds« (1/sec) 

DM/DZ DNi/Zi dn/ds dn>/dci (1/sec) 

T/Tl T/Tl t/T t/T 

U U u u 

The 3 rflmalnlng BLP can be programed by the customer and in 
the present program ares 

si/Qo< 

n«/Qo« 

18 SQ 

19 NQ 

20 - 

PRINT OUT 

DEL, S 

DEL N 

DEL 88 

DEL HS 

OIL MM 

MEL U 

DglNITIOM 

6»s - r(l-X«a«) da« 
A«Q« 

*•« - JjLl Al da« 
Q« A» 

6«ss - J(l-s«/Q«) (s'/Q«) (Xi/AO da« 

«tns - JJLL ll XI *»• 
Q» Q« AT 

• •im-/(n«)2 X»    da* 

• •u-Td - ul^l.) da» 
a» A« 

,- 
• 

-- 

■ 

I I 

TT 
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1                2.19 APPENDIX F (Continued)                                                                                             i 

PRINT OUT DEFINITION                                                                           i 

DEL V ••v-ja-f^- 
DEL UU "uu^^-^O^' 
DEL UV ••u, =;"-^f^ tai 

DEL W «•vW" •£>£*>' 
NOTE;    If 

6» 
LCODE - 

Ct 

0r then 6» = fi»  (£t)|  if LCODE^ 0, then                         1 

K0.1 
/ If LCODE = 0,  then R0.1 = (Atq^)N     Z               1 

I If LCODE jt 0,  then 80.1 = R0.1//1M                   i 

1 

RN 
r If LCODE - 0.  then E    - CAtQi)Z(lW)n    .           1 

V. If LCODE to,  then Rn - Ij/l^                           1 

RDELS 

i   •     '                       1 

r If LCODE - 0.  then R/,. » ^/V'q1}*'                      1 «..{                    -«.    •          1 
V If LCODE 1*0, then R^ - »5,/^'                       1 

RDELSS 
r If LCODE - 0, then IU     - (A'Q')6'                    1 

^ If LCODE f 0, then 1^ - ««„//V                   1 

H H - 6,/6M - •♦/• fom factor                           1 

HI ■l - (IH-l.O)* tik - i/ttw - 1.0                     1 

1 

1 l 
1 
I 

1 

<■■ 
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2.19 APPBiDIX F (Continued) 

PRINT OUT 

HWPR 

CFU 

CFV 

XI/L 

Yl/L 

U* 

UMAX 

ZPEAK 

Z01 

NZZ 

TANCRT 

cno 

DEFINITION 

n*    (BTU/tec ft ) h« = k 

Cfu ■ ^'wall  /du» \ 
'"(M 
LCODB «0» 2'(ft) 

wall 

Cfv = ^'wll /av \ 

Chordwite coordinate 

Spanwlse coordinate 

U* 

max 

L00DR ^ 0, « = «ykc1 

c» 

If LCODE = 0. 2.p#ak.E.n|i|U|(£t) 

'peak 

(1Z L>UUUB = U, 4' 

If LCODE fkO, Z' peak - ^«tA' 

If LCODE - 0, Z, 

Uln«axJ 
"■* Vif LCODB^0, ZO.ln -w max 

c' 
Z» O.ln (ft) 

max 

Zt 
Ojjtjgax/Rgi 

c» 

. < 

(zoa)2 a2n 
%ax  dlZ 

If LCODB - 0, B. - 102-1.29 NZZ 

< If LCODB j^ 0,8« - (102-1.29NZZ)//* ' 

•ew^. 
Crotaflow auction coefficient F0* 

. 
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2.19     APPBiDIX F (Continued) 

A(Jt20) 

TPFO 

VKLL DENSITY RATIO 

RHOS 

FS 

VOLS 

Plow parameter 

Tangential flow suction coefficient F * 

X« 
wall 

A,o 

Wall density, Xlwall (slugs/ft3) 

Suction inflow velocity for continuous 
suction feet/sec) * w* = f' 

Specific volume of air at surface * 
(1/32.2 RHOS) 

1              W/A Suction weight flow ■ 32.2X»wall w< 

1              FSTARR p* - VA,o - wt /Rri 
X»     0' K wall ^ o 

1             "XI, UX2,  UXIO UX(I) functions (defined in App. E) 

i       FLUID PROPERTIES AND OTHER CONSTANTS 

1             0i - 3.5 

1             02 - 3.35 x 10'12 (1/0IC)4 

1             03 - 2.85 x  ID"12 (l/0K)4 

1            02 - o«2T*
4 

03 - o«3r»
4 

1            Y' - 1716.0 («t/sec2ol) 

1            11 . (l + o»jT«0
4)/Ca«(l-KT«2Tt0

4)] 

1            0t 
01 

• 

•«• • «•-' '-Jwif 

1 
■ 

•v l^—J 
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2.19      APPENDIX F (Continued) 

JL.2 = v.2 

K», "= V. 

a necessary condition for K constant and K   •■ - o.o 

v»1 = 1.422 x 10 •5 ( 

8«sC 

ffi ) 
(ÖK)i 

v'2 = 112.0 TK) 

V3 = 0.0 (0K)2 

^•1/T»l = .92155 x 10 -4 

sec v>m 
O O O fT» 

o 
(<>•- 1.0)/(a'M'o) 

Free stream pressure (atm) 

p * . pi T*/TI  (stm) 
O 0 0 

Qi    - 49.1 (1.8 T«)\l«(ft/sec) 
O 0 0 

1 (1) - 3.2794397 x ID2 PoQ,o (l/£t) 

o   o 

„.    - J'/rvc^'a^'o + v,3/T,o2)   i'^Ej 
sec 

sec 

n       ■   o»v»E4 ■ afti   Frandtl number 
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APPBiDIX G 

Outline of Program Model of Operation for Suction Optlmitatlon 

An observation of a wing chord boundary layer development with 
suction shows four types of crossflow velocity profiles. 

a. Stagnation sone velocity profiles 

b. A forward-chord Interval with totally positive 
crossflow velocities along the boundary layer height. 

c. A mid-chord Interval with crossflow velocities of 
both signs with negative velocities close to the wing 
surface.    (Cross-over type profiles.) 

d. A rear-chord Interval with totally negative crossflow 
velocities. 

Each of these areas asks for different suction requirements 
according to the boundary layer stability criteria that have 
to be satisfied, and the corresponding stability margins 
required by the customer. 

The program respects the following stability criteria: 

1.    HNS B (102 • 1.29 N2Z)//R  '   (critical crossflow 
Reynolds number) with a minimum margin of stability 

m = BNS - R0.1 

2. B4  « RQ<2000 or any desired level (critical tan- 

gential Reynolds number) (see 2.8). 

The crossflow criterion Is not used where crossflow velocity 
profiles of the "cross over" type are present. Mo criterion Is 
available at present, and in the program it Is assumed that the 
tangential stability is critical. The program will calculate 
a local minimum suction coefficient at each point, which pro- 
bably will not render the best practical suction distribution 
for a given margin of stability, but will define minimum levels 
to smooth out data conveniently for each application, so from 
the first run a good theoretic«! minimum suction distribution 
is obtained. These levels may be somewhat changed in certain 
chord stations «hen sensitivity (variation of stability margin 
with suction changes) allows it. A minimum suction coefficient 

Direct Suction Option, Ref. 2.9. 

- i J 
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APPENDIX G (Continued) 

magnitude may be specified as an extra requirement along the 
chord.    The stagnation zone stability criterion RQ < 100 is 
not included presently in the suction calculations.    It is 
indirectly satisfied, however, when a specifieid amount of 
leading edge suction is input at the first chord station pro- 
ducing a different set of initial profiles, used as boundary 
conditions.    This suction will not show in the output, except 
through the effects or variations manifested in the initial 
profile characteristics.    If the leading edge suction it 
reasonable,  the program will accept the corresponding new pro- 
files and will proceed to calculate the minimum suction 
requirement as well«    This is done,  for example, when it is 
required to start with a profile of specified momentum thick- 
ness Reynolds number obtained experimentally. 

The suction change required when the tangential stability is 
more critical,  is obtained through a combined exponential 
linear function which assures a continuous and sufficiently 
rapid variation.    In this way, the iteration proceeds along 
the chord eliminating the time consuming process of stopping 
and recalculating each step with no sensitive output effective- 
ness change. 

The same methods may be applied to suction calculation determined 
by the crossflow stability condition, with equally successful 
results.    Nevertheless,  the program offers a more direct 
possibility due to the form in which the critical crossflow 
Reynolds number definition is supplied.    It trill be briefly 
described in the following discussion. 

The critical crossflow Reynolds number is available as a 
function of the second derivative of the crossflow velocity 
profile at the wall,  the so-called crossflow criterion. 

RNS - fl (d2n/d«2) (1) 

On the other hand, one of the boundary conditions is a function 

i 

(pr, depending upon the auction coefficient Fa*. 

fi c f2 <ro*> (2)' 

Fro« definitions provided In the study of the applied boundary 
layer equations, a new equation was derived. 

V. - derivative of «p with respect to C« C " I*0 •* th* "*I1. 
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APPENDIX G  (Continued) 

2        2 
tp- =    £- (ä n/ö« ) (3) 

At each chord station the solution Is calculated from essen- 
tially the values of the unknowns at the upstream points, 
which means that at the point 1 + 1» j, k the solution of the 
difference system of equations Is obtained using data at the 
previous step i, j, k with the corresponding boundary condi- 
tion. The crossflow velocity profile at station 1 + 1 is 
obtained from the boundary layer velocity component profiles 
(v, u) at station 1 according to the analytic properties of 
the differential system, and no iteration is necessary at a 
given station since, according to Eq. (3), qy is then estab- 
lished for step 1 + 1 from data belonging to^step 1. 

The stability condition requires that BNS > R0.1 where R0.1 
is the actual crossflow Reynolds number and is known. If it 
is specified that the crossflow stability margin be m, then 
R0.1 + m = RNS. 

Once RNS is obtained, equation (1) supplies the required value 
2   2 

of (d n/ds ) and equation (3) the corresponding (p. Finally, 
equation (2) determines the required F0*. The suction coefficient 
thus determined will maintain the desired stability margin. In 
certain areas it may result that RNS Is »lightly above (R0„1 + m) 
due to accunmulated errors in the computation, but never less 
than (R0.1 + m). In other areas, to maintain the margin "ian 

would require positive mast transfer (blowing) since the margin 
is naturally larger than "M" even without mass transfer (suction). 
At these points, the program uses the minimum possible suction 
which is either sero or a specified value if desired (POMIN input 
defined in Appendix E). 

Region of Positive Crossflow Velocity Profile 

At any station, the suction coefficient is first calculated to 
satisfy the crossflow criterion. Immediately after, the 
program teats whether or not the tangential criterion la also 
met* If not, suction Is increased over the last auction 
coefficient value found* The program then proceeds to repeat 
the aame process at the next chord station* The suction change 
required from one step to the other is determined by the 
nature of the boundary layer equations and boundary conditions 
when calculating to satisfy the crossflow stability condition* 

I 
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APPENDIX G (Continued) 

In the region of crossover profiles In the mid-chord span 
there is no satisfactory definition of the critical and actual 
crossflow Reynolds numbers.    Since no crossflow stability cri- 
terion Is available at present,  the suction Is calculated under 
the tangential stability condition only, with the sane procedure 
used previously.    The only difference Is that In the second 
region the minimum suction requirement Is determined by the 
crossflow criterion and It Is tested,or recalculated.  If called 
for,  to assure having the Sg      below a specified value.    Thus, 
when the Rflgg approaches theS8llmlt the suction Is Increased, 
and when it tends to move below the limit the suction Is 
decreased. 

As Implied above,  there Is no crossflow stability history 
along this chord-Interval where crossover profiles exist, 
but at the end of it when the crossflow profile becomes totally 
negative, crossflow stability must be assured.    It is possible 
that in the last station of this Interval the suction Is also 
sufficient to cover the crossflow condition with sufficient 
margin.    If it is not so,  that Is if the crossflow margin is 
too small or even negative,  It is necessary to Introduce suction 
a little before the profile becomes negative.    This occurs very 
near the point where the adverse pressure gradient becomes 
strong.    Adequate suction may be provided by slightly lowering 
the maximum allowable S6yt requirement at that point.    An input 
TABG2 (defined in Appendix E)  takes care of this.    On the other 
hand, if the margin is larger than specified, nothing need be 
done about it,  since the calculated suction Is already the 
minimuB needed tt  satisfy the tangential criterion and cannot 
be lowered* 

The Last Chord-Interval 

Suction Is determined here by the crossflow stability condi- 
tion and tested or readjusted, if necessary, to meet the 
tangential stability criterion also.    The calculated suction 
will try to maintain the specified crossflow margin of stability. 

• • > .. 
- 
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i 3'1 INTRODUCTION                                                         1 

The suction slot design, described in this section, is the first of a        1 
series of flow devices through which the suction air passes from the         1 
suction surface to the suction pod exhaust. The entire flow sequence        i 
of the suction system is shown in the following chart.                     1 

Reference       1 
Suction Svstam Flow Sequence                 Section No.      1 

Suction Inflow representing distributed suction             2          1 

i 
Slots or finely perforated outer surface               3          1 

1 
Plenum chambers beneath outer surface       — 

1 1 
Holes through inner skin 

1 
r*        4              i 

■if 
Tributary ducts and nozzles for inflow distribution 

Main suction ducts 

i -5         I 
i 

Mixing chambers                 j 

i V 
Suction system compressors 

i 

1 -      8          I 
▼                      ! 

Suction system exhaust (propulsion)       J 

1 1 ■ 1 1 
.■                       1 

. _t^ 
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1  3.1      INTRODUCTION (Continued)                                                                                                                    t 

1              The primary objective of the suction surface design is to provide a                        i 
I              suction distribution approximating the calculated requirements for                          i 
I              distributed suction.    The design must be practical from the standpoint                  1 
I              of manufacture and maintenance} and irregularities in either the surface              | 
I              or the inflow must be minimised.    In the suction surfsce design»  the wing            1 
I              geometry, LFC flight conditions,  suction distribution, and boundary layer            1 
1             average properties already have been determined.                                                            1 

1              The use of fine slots for the suction surface,  rather than porous or                      1 
1              finely perforated panels, was considered at Northrop Norair the most                      1 
1              practical design.    The suction surface design of fine spanwise slots                     1 
1               sawed in the outer skin, with spanwise plenum chambers beneath the                          1 
1               slots, has been developed at   Northrop Norair under the direction of                     1 
1              W. Pfenninger.    The slot width is made approximately equal to the sucked             1 
1              height of the boundary layer, and the slot width Reynolds number (or                     1 
I              flow rate per slot) is made sufficiently small so thst rounding of the                 | 
1              leading edge of the slot is considered unnecessary.    The possibility of               i 
I              using a finely perforated suction surface instead of slots in the wing                i 
1              nose region to improve laminarisation is discussed in Section 15.7.2.4.               i 

3.2     NCMENCLATURE                                                                                                                                            1 

1              Lower Case Letters                                                                                                                     1 

I              c         -         wing chord,  ft.                                                                                                    1 

1              Äc       -         pressure coefficient, Ap/q^                                                                            i 

1              Acpslot "     Ap ■lot/^                                                                                                             1 
I              6cn         "      slot spacing normal to slot direction,  ft.                                                1 

I              h         =         altitude,  ft.                                                                                                       i 

1              k         -         momentum thickness coefficient,  see Fig. 3.5.1.                                      i 
1                                                                                                                                                                     1 
1              Al       ■         incremental length of slot,  ft.                                                                     1 

It        Tlt       m         crossflow velocity within B.L.,  ft./sec.                                                   1 

1                                     (orthogonal to s')                                                                                              1 

1                                                                                2                                                                             1 1             p        >         static pressure, lb./ft.                                                                               1 
1                                                                                           2                                                                 1 1              Ap       -         increment of pressure, lb»/£t.                                                                    1 
1                                                                                                 2                                                            1 1              q,       -         £ ree stream dynamic pressure (p u )«                                                        1 
I                                                                          2              *2                                                              1 
1             qslot "        *nw«lc pressure {o ui), lb./ft.                                                              1 

I             q«       «         resultant velocity vector within boundary layer                                   1 
1                                                                                                                  '                                      1 

• 
-■■- 

■ 
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s' 

t 

u« 

Ü s 

u oo 

V« 

- radius of leading edge, ft 

= velocity component within B.L.,  in direction of potential 
flow Q',   ft/sec (orthogonal to n') 

» thickness of outer skin - depth of slot»  ft 

= component of q'  normal to element line»  ft/sec 

■ average slot velocity,  ft/sec 

= velocity of free stream, = Q'o,   ft/sec 

= component of q' parallel to element line,  ft/sec 

v = distributed suction velocity at surface,  ft/sec 

w - slot width,  ft 

s ■ distance from external surface,  ft 

s. = sucked height of boundary layer,  ft 

Capital Letters 

B.L. 

LFG 

H. 

N 

Q« 

Q'o 

Rc 

■ boundary layer 

v8 R * , suction volume flow parameter 

■ ptvg Rc* , suction mass flow parameter 

PmVm 

■ Laminar Flow Control 

■ Mach number of free stream 

-  n^ 
Q' 

<■ local velocity outside B.L., ft/sec 

* un, free stream velocity, ft/sec 

= chordwise Reynolds number « P^«6/^« 

= slot width Reynolds number - P.u.Wli. 

»■ unit Reynolds number of free stream ■ P9u0/ua 

« momentum thickness Reynolds number of spenwise 
flow at the leading edge attadmient line. See Iq. (I). 

■ 

l'>^:^ifeäHt]#^&L 
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R, 

SaR.N2R 

u 

V 

U»,Vi 

u* 

z? 

= equivalent to R6    , used in Section 1 

- 8«/Q« 

■i components of non-dimensional slope of boundary layer profile 
in same directions as S and N;  /.2    . „2 x.5       . i / % (s1R + N2R)   = da (—c.) 

dt    Q. R •* 
c 

« Üi/Qi; see Figure 3.3 r 

= Vt/Qi; see Figure 3.3. 

= orthogonal components of Q* outside B.L.; see Pig. 3.3 

- U«/Q» , see Figure 3.3 

« zt/w ■ sucked height/slot width 

Greek Letters 

ß       «« slot parameter 2T/R = 4t/wR w '     * 

= (1 § 

A 

P 

T 

Tl 

uO 
u« 

.5 

■ sweep of wing leading edge 
2 

■ absolute viscosity, lb sec/ft 
3        2  4 

= mass density, slug/ft or lb sec /ft 

■ slot parameter 2t/w 

■ thickness ratio of ellipse containing leading edge shape 

Subscripts 

freestream 

slot 

3.3 CHORDWISE SLOTS IN THE LEADDIC EDGE MCIOH 

Wind tuitnal experiments conducted during the X-21A program show that 
chordwise slots in the leading edge region of a swept wing (In the flow 
attachstent sone) are effective In preventing the spanwise, propegation 
of disturbance from the fuselage or from a toughness particle or the 
like. Chordwise slots, In conjunction witii a Mailer leading edge 
radius, are Included in the revised design of the Inboard wing nosa 
of the second (AF 55-410A) airplane. The chordwise slots era .0035 
wide, spaced .75 Inches apart, and extend chordwise somewhat be)pnd 
the chordwise limits of travel of the flow attachment Una for the 
various LFC flight conditions. The leading edge radius la about 1.3 
inches over most of the Inboard wing. Increasing to about 1.8 Inches 
at the Inboard and of the final Inatallation. The new noae section is 
added onto the old and Is commonly called the "■cab-on" nosa region. 

 — : — 
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The chordwise slots lead to chordwise plenum chambers with holes connecting 
to the scab-on duct. The design is similar to that of the spanwise slots 
except no tributary ducts are used to guide the flow spanwise into the 
internal, scab-on, duct. Most of the flow from the chordwise slots turns 
and flows spanwise along the scab-on duct to control-valves at the ends of 
the scab-on installation; but additional inflow is led into the original 
nose through numerous holes drilled into the original nose and through the 
original spanwise slots in that area. 

The primary design criterion for the chordwise slots is sufficient suction 
to reduce the momentum thickness Reynolds number at the attachment line to 
values below 100. The momentum thickness Reynolds number is designated 
Rg  in Section 2, but öfter is designated simply Rg. 

Due to the chordwise distribution of surface pressure, relatively strong 
suction, sufficient to meet the requirements stated, always exists along 
the attachment line when the scab-on internal pressure is low enough to 
prevent outflow at the ends of the chordwise slots. Best LFC results appear 
to coincide with strong leading edge suction. 

The sise and spacing of the chordwise slots are based on wind tunnel tests 
as well as practical considerations of fabrication. In a typical LFC flight 
condition, analysis shows that the impinging streamlines cross about eight 
chordwise slots before reaching the first slot in the region of the spanwise 
slots. The suction flow rate and the slot width Reynolds numbers slong the 
attachment line are greater than those elsewhere on the wing. 

An approximate equation for the momentum thickness Reynolds number R. 
the attachment line, useful in preliminary design studies, is 

st 

R'o TCOS A- 
.5 

R6ig = KQ tan A C^VT.) 
] (1) 

The coefficient K* is plotted in Figure 3.1 as a function of the suction 
1  coefficient FQ*. The value of the parameter Ta, the thickness ratio of 

an ellipse fairing into the nose shape, la about twice the thickness ratio 
of the airfoil. If the chordwise gradient of potential flow velocity at 
the stagnation line is known, then the momentum thickness can be calculated 
more accurately from the equations of I.5.I. 

3.4 SPANWISE SLOTS 

3.4.1 Slot Daalgn Process and Criteria 

The basis for the slot design is the distribution of surface suction 
required» the distribution of surface pressure, and the computation 
of average boundary layer charactarlstics as described in the pre- 
ceding Sections 1 and 2. 

&' 
■ 
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c 

An allowable value for slot width Reynolds number R    is assumed 

(e.g.,  let R <100 for cruise),  and the slot spacing Ac    is 

calculated.    Later the calculated value of Ac    may be modified 

because of practical  considerations such as avoiding stringer 
structure or providing a slot drop-out pattern on a tapered wing. 
The sucked height z,  is calculated, and the slot width a» is 
made approximately equal  to the sucked height.    The pressure-drop 
through the slotted surface is calculated,  and the result must be 
compatible with internal pressure requirements for the plenum 
chamber beneath the slot and with the pressure requirements of 
the suction duct. 

Some adjustments in suction distributions must be made to accom- 
modate various flight conditions.    The slot design process 
and the performance of the design for various flight conditions 
are iterative and have been adapted tor computer solution. 

Progressing from root to tip on a tapered LFC wing,  some slots 
will drop-out, and some slots may be reduced in width.    The slot 
velocity should be gradually reduced to zero as the drop-out 
point is approached in order to minimize vortex formation at 
the end of the slot.    This gradual reduction in suction can be 
achieved by omitting the last several holes beneath the suction 
slot. 

As a matter of convenience in analysis,  the nominal  slot spacing 
used in converting distributed suction to slot flow rates is 
determined by dividing the duct width by the number of slots in 
the duct at the particular span station analyzed.    The true slot 
positions are used in determining the external pressure at the 
slot. 

The basic equations that apply to the slot design and to the 
slot performance are derived in the following subsections. 

3.4.2    Derivation of Equation for Slot Spacing Ac 

In Figure 3.2 assume a suction strip Al wide normal to the slot 
length.    Equating the average inflow normal to the surface to the 
flow into the slot. 

v    Ac   " ifu ,    or s      n s 

(I) 

' 
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In equation (1), wüg Is porportlonal to the slot width Reynolds 
number Rw which Is a measure of the mass flow rate per slot, and 
vs Is proportional to the distributed suction strength parameter 
F* .    Making the conversions,  in order to use the parameters 
available in the bound? 
becomes, 

yer computer program,  equation (1) 

Ac   = ^ (^s) 

v75 (2) 

s 

3,4.3    Derivation of Equation for Sucked Height s' 

Again in Figure 3.2, assume a suction strip Al wide normal to the 
slot width.    The lower or cross-section view of Figure 3.2 shows 
that the sucked height c*  is approximately equal to the slot with 
u).    Equating the average inflow to the surface to the flow in the 
sucked region of the boundary layer, and assuming a constant velocity 
gradient du'/dz in the sucked portion near the surface, 

Ac    v   = du*  »'   , or n   8    dTT" 

,2      2 Ac    v 1     ~ n    s (3) 

The distributed velocity v    is pnoportional to the suction 
parameter F* through the relation. 

- .5 
(4) 

and the velocity gradient, in terms of parameters available in 
the computer program output,  is 

S c        L. (u.2^v.2)-5J.    „ 
(5) 

where the values of velocity components u« and v1 and velocity 
gradient components SJR and Nxt within the sucked layer are assumed 
applicable to the boundary layer height {■•95, where u» * .10« 
See Figure 3.3 for velocity vector diagram.       U* 

' 
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Substituting (4) and (5) into (3),  and noting that 

z, ~ 

Qi          1 

2 Ac    F*U n 

J ,  then 

(u»     + V»   ) 
R'    u* 

(6) 

(7) 

.95 

Equation (7),  although more complex in form than equation (3), 
is easier to use in the slot design program because of the 
availability of parameters in the boundary layer computer output 
program.    The sucked height z.  should be approximately equal  to 
the slot width w. 

3.4,4   Pressure-Drop Through the Slot   ^Cp  , 

The pressure-drop coefficient (AFfiot/q8iot^ l8 8hown versus th« 
parameter ß=2n/Rw in Figure 3.4. The pressure-drop relationship 
has been derived theoretically and confirmed by experiment. See 
Norair Report NAI-58-19,  for example. 

If the value of 0 becomes less than about .03,  the flow will 
separate from the forward lip of a sharp edged slot and may or 
may not reattach to the slot wall.    It is considered best to keep 
the value of ß well above the value .03 in order to avoid th« 
possibility of unsteady flow due to the separation phenomenon. 

The pressure-drop relationship shown in Figure 3.4 is derived 
for flow between two plenum chambers.    The error involved due to 
external flow across the slot is considered negligible for LFC 
slot design because of the low energy level of the sucked layer. 

For convenience in design and analysis, all of the pressures in 
the suction system are referred to the flight dynamic pressure 
q» = /pu^ •    On this basis the pressure>drop coefficient for the (TV 
suction slot is expressed ss follows! 

ACPs lot AP slot/q^ ^slot (Jslöt) 
q.lot        ^ 

(8) 

- 
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Equation (8)* converted to a form containing the parameters 
appearing in the boundary layer computer program output, becomes 

AP 
ÄCPs 

slot.    . ^ x
2 A?     F* 

lot 'slot 
(9) 

3.4.5    Typical Values for Slot Dimensions 

Typical values of slot spacings and slot widths for the X-21A 
spanwise slots are shown in the following table: 

Portion of Wing 

Design Parameter Fwd. Intermediate Aft 

11 to 5% 5% to 401 401 to 1001 

Slot Spacing AC~in 1.1 2.0 1.2 

Slot Width w~in .003 
.004 

.006 

.007 
.005 
.005 

The values shown in the example are not intended as design guide- 
lines but simply order>of-magnitude data for one particular wing 
section.    The calculated slot dimensions become larger with larger 
wing chord and with higher altitude operation, and become smaller 
if the allowable slot width Reynolds number Rw la reduced. 

Although not shown in the preceding table, the strong auction rates 
are in the forward and aft regions of the wing chord.    It is 
interesting to note that the slot widths and the slot spacings tend 
to be smaller in these regions of strong suction.    Regions of strong 
suction are associated with relatively large velocity gradients 
near the surface and smaller sucked height (or slot width) for a 
given mass flow into the slot.    The mass flow per slot tends to be 
equalised by closer slot spacing in the regions of strong suction. 
The foregoing explanation is oversl«pllfied but provides some insight 
into the reasons for the chordwise distribution suf slot width and 
slot ppacing. 

• 
■ 
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4.1 INTRODUCTION 

The flow passages from the suction slot to the suction duct (main duct) 
are the plenum chamber beneath the slot, the holes through the inner 
skin, and the plenums (tributary ducts) and flow metering nozzles beneath 
the inner skin.  The slot plenum and holes are designed to provide nearly 
uniform inflow along the suction slot, and to minimize disturbances within 
the plenum and at the hole inlet. The nozzles beneath the inner skin 
provide the design distribution of suction and direct the flow downstream 
in the suction duct. 

4.2 NOMENCLATURE 

Lower Case Letters 

a 

c 

c 
P 

Ac 
F 

d 

d
e 

g 

h 

k 

1 
• 

m 

P 

Ap 

q 

r 

s 

t 

u 

Ü 

w 

X 

y 

s. 

radius of hole,   tube,  or nozzle,   ft 

velocity of sound,  ft/sec 

constant pressure specific heat,   .24 btu/lb R 

pressure-drop coefficient Ap/q 

diameter of hole,   ft 

diameter of tributary duct at exit,   ft 
2 

acceleration of gravity,  32.2 ft/sec 

depth of slot plenum chamber,   ft 

ratio of specific heats = 1.40 

length of  tributary duct,   ft 

mass  flow rate through tributary duct and nozzle,   slug/sec 
2 

pressure,   lb/ft 
■" 2 

increment of pressure, lb/ft 

dynamic pressure, pu 
2 

pressure ratio p/p 

spacing of holes, ft 

thickness of skin, ft 

velocity, ft/sec 

average velocity, ft/sec 

width of slot, ft 

effective length of tributary noxxle, hoi«, or Cub«, ft 

chordwise offset of holet ürom slot, ft 

sucked height, ft 
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Capital Letters 

A 

J 

M 

R 

2 
effective area of nozzle, ft 

gross or actual area of nozzle, ft 

mechanical equivalent of heat, 778 ft lb/btu 

Mach number 

gas constant (air) - 53.3 ft lb/lb0R 

diameter Reynolds number pud 

radius Reynolds number pua 

- 

i 

1            R 
1                  w 

^                                                                                 1 
slot width Reynolds tijmber puw                                                                            l 

U                                                                              1 

R» unit Reynolds number of free stream,C^—)                                                        i 

1              T 
reraperature,     Rankine                                                                                                   i 

1              u velocity ratio,  u/u                                                                                                  i 
*                                             00                                                                                                                                                                                             ,1 

1                 Greek Letters                                                                                                                                     1 

1                 0 hole or nozzle design parameter T/R                                                                  1 

1                 Y slot velocity variation      u8 mAX                                                                       1 
U*                                                                              f 

^ 

steady state spanwise variation in slot velocity, due to                       i 
tributary duct»                                                                                                           i 

Yf 

fluctuating slot velocity variation, due to combination of                  1 
slot width Reynolds number R^lOO and plenum geometry.                          I 

1                 ^ 
steady state spanwise variation in slot velocity, due                           1 
primarily to hole location and plenum geometry.                                       1 

I                 ^ viscosity, absolute,  lb sec/ft4                                                                      i 

1                 P density, slug/ft3 » lb sec2/ft4                                                                  i 

■                 T ratio t/a or x/a                                                                                              1 

1               Subtcrlptt                                                                                                                                  1 

1                0 reservoir condition                                                                                        1 

1                d duct or tributary duct                                                                                   1 

1                * tributary duct exit (ahead of nossle)                                                        1 

1 ■ 

s 
■ 

• ' 
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|                 f                     fluctuating 

1                 g                     gross (area) 

1                h                   hole 
1                 max                maximum 

|                 n                     nozzle 

i                 s                     slot 

I                 öD                     infinity or free stream condition 

1       4.3    SLOT PLENUM CHAMBER AND HOLE LOCATION 

1                Part 4.3.1 applies to the design criteria for plenum chambers and hole                1 
1                locations for the X-21A airplane.    In the latter part of the X-21A program        1 
I                laboratory experiments showed that pressure and velocity fluctuations                  1 
1                develop within the plenum chamber and slot at slot width Reynolds numbers          i 
i                R^IOO.    The fluctuations appear to begin at R^ ü 100 and grow with                     1 
I                increasing R^  such that the slot velocity variation y^ may reach values            1 
1                of about 3(10n3) at R« = 200,  for example.    Whether or not the fluctu-                1 
I                atlons contribute a significant effect upon LFC test results has not                   | 
I                been determined, but the desirability of s'ippressing all flow disturbances        1 
1                in an LFC design is unquestioned; and further experimentation at Norair              1 
1                has developed plenum chamber and hole location criteria that suppress the         1 
I                fluctuations at the higher values of slot width Reynolds number».    The               1 
1                new design shovs shallower plenum chambers, with staggered holes on each            i 
1                side of the slot.                                                                                                                          1 

1               As a result of these later experiments, the old criterion of Part 4.3.1             i 
1                Is recommended only for slot width Reynolds numbers Rw<100, and the new             1 
|               plenum design criteria of Part 4.3.2 is reconmended for RTy>l00.    Possibly         | 
1                future experiments relating slot plenum design to lamlnarizatlon y«r-                 1 
i                foxmance may modify the foregoing restriction on the plenum design.                     i 

I                4.3.1    Slot Plenum Chamber and Hole Location - R^lOO                                                1 

1                             The primary consideration in designing the plenum chamber beneath           1 
1                            the slot and the location of holes leading from the plenum chamber,       1 
1                             when the slot width Reynolds number K^lOO, is to minimise the                 1 
1                            steady state variation of slot inflow velocity caused by the holes.       i 
1                            The plenum chamber, the holes, and the steady state spanwise                    1 
I                            variation in slot velocity are shown in the accompanying diagram.           1 

1                                                                                                                                                               1 

. : .;. 
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The steady state spanwise variation in slct velocity is expressed 

/us nuxx  V 

affecting the magnitude of the velocity variation y. , as determined 
by experiments, are the chordwise displacement ratio, y/a, of the 
holes with respect to the slot, and the ratio of hole spacing to 
plenum depth, (s/h). Tests show that moving the row of holes from 
beneath the slot is particularly effective in reducing the value of 
Yjj and this design feature is reconmended. Figure 4.1 shows the 
parameter X^ versus the spacing ratio (s/h), for a chordwise dis- 
placement y - 1.7a. The chordwise displacement y = 1.7a is considered 
a suitable or representative value. 

It is reconmended that the nominal design criterion for the plenum 
and holes be X^ - .01, which corresponds to (s/h) " 15 for a 
configuration with the holes offset from the slot by 1.7 times the 
hole radius. It may be necessary to increase the value of X), 
locally, in the panel splice regions, due to increased hole spacing 
to allow for fasteners. The width of the plenum must be sufficient 
to accommodate the offset holes. 

A consideration in selecting the hole spacing is the tooling for 
drilling the holes. If the drilling apparatus travels on a track, 
and uses a standard bicycle-type chain for registering hole spacing, 
the hole spacing «mist be equal to the length of a standard chain link, 
for example, 1/4 inch or 3/8 inch. 

It may b« helpful to Illustrate the design principles of this section 
with an example. Assume that the hole spacing lu 3/8 inch. Then the 
plenum depth should be at least (•375/15) = .025 inches. Assume that 
the hole diameter is 5/64 = .078 Inch. The explanation for the 
assumption of the hole diameter la given in Part 4.4.I. Solve for 
the chordwise ot'faet y » 1.7 (.078) » .066 inches. The plenum and 

hole dimensions era shown on the accompanying sketch» five times 
full sise. The plenum width is made .25 Inches to provide space for 
the chordwise offset of the holes, y. 

.—__ _,  

• 
^ 
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At ribs and splices or anywhere that the hole pattern must be 
interrupted, the plenum depth can be increased locally to 
accoomodate a greater hole spacing. 

4.3.2 Recommended Slot Plenum Chamber and Hole Location When R > 100      . —. ' — w 

In order to suppress slot flow fluctuations at slot width Reynolds 
numbers R > 100 a very shallow plenum design with a double row 

of staggered holes is suggested and shown in the following 
sketch. 

. 

• 
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The suggested plenum design and applicable perfoxmance charts 
of slot flow fluctuations are shown in the following reportt 

W. Pfenninger; J. Bacon; and J. Goldsmith: About Flow Disturbance« 
Induced by Low Drag Boundary Layer Suction through Slots» Boundary 
Layer Research Group» Northrop Corporation» Horair Division» 
Hawthorne» California, September 1966. 

(Paper presented at IUGG - I UTAH Symposium on Boundary Layers and 
Turbulence Including Geophysical Applications» September 19 - 24» 
1966, Kyoto» Japan.) 

4.4 HOLES THROUGH THE INNER SKIN 

4.4.1 General Considerations 

An important criterion for the hole design is to minimize the 
magnitude of flow disturbances that may occur at the hole inlet 
and propagate through the slot to the external boundary layer. 
In the design of holes through a honeycomb inner skin it appears 
impractical to eliminate the possibility of flow disturbances at 
the hole inlet by either providing a rounded Inlet or holding the 
diameter Reynolds number below the critical value for flow sepa- 
ration within the hole. Consequently» the possibility of a dis- 
turbance at the hole inlet is accepted, but the magnitude of the 
disturbance is minimised by designing for a relatively low velocity 
through the hole. The velocity through the hole is related to the 
ratio of hole spacing to hole diameter» (s/2a), as shown in part 
4.4.2. It is suggested that ratio (s/2a) be not greater than 
six» because of considerations of hole velocity» and not less than 
four» because of structural considerations. A further consideration 
in the selection of the value of (s/2a) Is th* beneficial effect 
of pressure-drop through the holes in minimising «lot velocity 
variations due to pressure variations along the surface or beneath 
the holes. From all of these considerations s rstlo of (s/2a) - 
five is suggested for a tentative or trial value. 

4.4.2 Equstlons for Hole Dsslgn 

Equating the flow rat« through the slot arid on« holei 

Ps U« W • **%** (I) 

i 
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Multiplying both side« of (1) by ^x 

*d-H),lv (2) 

Por le,  let (s/d) = (»/2«) = 4.8, then 

Rd=6.1Rw (3) 

Equation (2) can be used as e basis for deriving expressions for 
the velocityj  dynamic pressure, and pressure-drop coefficient for 
the hole: 

Extracting the velocity G^ from 1^ in (2)i 

Equation (4)  can be rewritten« 

5 "fe ä = ^ * v»" 

(4) 

% = ^»     r^h  4_     fSv   W     -i 
a        o.     Lu   nd    ^d;R»_ J 

(5) 

(6) 

(7) 

The pressure-drop through the hole, in terms of the flight 
dynamic pressure ^ i* 

The coefficient (Aq^/qj,) is shown in Figure 3.4 as a function of 
the parameter T/Ra.    The pressure-drop data of Figuro 3.4 have bean 
confimed by both experiment and theoryt see Morair Report MAI-58-19, 
for example.    The pressure-drop coefficient (AK/qfc) for both faces 
of a honeycomb inner skin can ba assumed to be 3.0. 
Substituting (Ap^q^)'-5.0 into aquation (7) yields 

am m 

for honeycomb skin. 

(«) 
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A typical value of ACp.   for R^lOO at cruise, assualng honeycomb 

skin, is  .02. 

'+.5    FLOW METERIHC DIVICES BENEATH THE INKER SKIN 

4.5.1   General Description 

The suc-.ion air passes through the holes in the inner skin 
into a plenum chamber beneath the inner skin and then through 
a flow metering nozzle into the suction duct (main duct).    The 
pieman chamber beneath the inner skin is analysed as a small 
suction duct with inflow normal to the duct flow, and is ccmaonly 
called a "tributary duct."   An example of a tributary duct Is 
shown in Figure 4.2.* The top view in the example shows the 
nozzles offset from the row of holes,  in order to minimize the 
total height of the tributary duct.    The length of the tributary 
duct can be varied by adding or removing a section in the mid- 
region of the tributary duct.    Adapters can be used at the end 
of a suction duct to provide clearance between the nozzle and 
the end wall of the main suction duct, aa shown in the 
accompanying sketch. 

ABAPTO* 
riVBUTAHV 

Dvcrr 

M021UI 

CHAMMR 

* Flow metering devices simpler than the tributary ducts shown 
(for example, long perforated channel strips) may be faaalble 
for most of the ducts« ^cc  Jüw.'t , -.;: 

. 
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Special» shallow, tributary duct* may be required for the last 
few slots in the trailing edge region because of the reduced 
clearance between the upper and lower skins. The upper and lower 
tributary ducts can be stsggered to improve the clearance, as 
shown in the accompanying sketch. 

"m&HUf   SMAUL.OW 

PUCTS 

The size of the tributary duct is a design conpromlse. A smaller 
one is lighter in weight per unit length, but requires more 
nossles per airplane and smaller dimensional tolerances. The 
maximurit length of tributary duct may be limited by considerations 
of maximum allowable variations in surface pressure per tributary 
duct. The maximum depth and width of the tributary duct are 
limited by space as well as weight considerations. Perhaps the 
most important design consideration is the variation in slot 
velocity induced by the pressure-drop in the tributary duct, Ml 
reduced by increasing the duct area and/or reducing the duct 
length. The sice shown in Figure 4.2 is not necessarily the 
optimum sise for any LFG aircraft. 

Design equations for tributary ducts are derived in part 4.3.2. 

The nossle has a rounded or trumpet shaped inlet to prevent 
flow saparation. The nossle directs the air from the tributary 
duct downstream in the main duct in order to provide smooth duct 
flow snd conserve part of the kinetic energy of the relatively 
high speed nossle flow. 

In most of the suction ducts the duct velocity and length- 
diameter ratio are low enough that it Is not easentlal to 
direct the nossle flow downstream In the swln duct. In such duett 
It may fie feasible to make a simpler flow metering device than 
the one shown in Figur« 4.2. Sharp edge metering holes are not 
reconnended, however, unless It can be shown that the distur- 
bances at the hole Inlet have no effect on the stability of the 
external boundary layer. 
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Special,  shallow,  tributary duett may be required for the last 
few slots In the trailing edge region because of the reduced 
clearance between the upper and lower «kins.    The upper and lower 
tributary ducts can be staggered to laprove the clearance, as 
shown in the accoapanying sketch. 

-—      ,f   SHAUUOW 

PUCTS 

The else of the tributary duct is a design compromise. A smaller 
one is lighter in weight per unit length, but requires more 
nossles per airplane and smaller dimensional tolerances. The 
maximurit length of tributary duct may be limited by considerations 
of maximum allowable variations in surface pressure per tributary 
duct. The maximum depth and width of the tributary duct are 
limited by space as well as weight considerations. Perhaps the 
most important design consideration is the variation in slot 
velocity induced by the pressure-drop In the tributary duct, Ml 
reduced by increasing the duct area and/or reducing the duct 
length. The sise shown in Figure 4.2 is not necessarily the 
optimum sise for any LPC aircraft. 

Design equations for tributary ducts are derived in part 4.5.2. 

The nossle has a rounded or trumpet shaped inlet to prevent 
flow separation. The nossle directs the air from the tributary 
duct downstream in the main duct in order to provide smooth duct 
flow and conserve part of the kinetic energy of the relatively 
high speed nossle flow. 

In most of the suction ducts the duct velocity and length- 
diameter ratio are low enough that it is not essential to 
direct the nossle flow downstream In the main duct. In such ducts 
it may 6e feasible to make a simpler flow metering device than 
the one shown In Figure 4.2. Sharp edge metering holes are not 
recommended, however, unless It can be shown that the distur- 
bances at the hole Inlet have no effect on the stability of the 
external boundary layer* 

-**»• -• 
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Nosxles can be separate inserts or can be part of the tributary 
duct.    Mossle sises must be provided in sufficiently snail 
increments to avoid excessive variation in slot inflow distri- 
bution from one tributary duct to the next.    Increments of no 
more than 3% diameter are suggested. 

Design equations for nozsles are derived in Part 4.5.3. 

4.5.2    Equations for Tributary Duct Design 

The tributary duct design analysis consists of determining the 
pressure-drop along the tributary duct and the resulting variation 
in slot inflow velocity.    If the variation in slot inflow velocity 
appears to be excessive, design changes»  from the slots to the 
end of the tributary duct, may be in order. 

Equating the flow rate in the slot and the tributary duct 
exit section (immediately upstream of the nozzle), assuming a 
circular duct sectiont 

p8 Gg wl = Pe ue n de 

Multiplying both sides of (9) by -s 

(9) 

(10) 

The relationships among the duct Reynolds number R4 , the 

duct length-to-diameter ratio (l/de), and the pressure-drop 
coefficient (Ap^/q,) for small suction ducts with inflow 
normal to the duct length can be derived from Norair Report 
MAI-55-286.    These relationships are shown in Figure 4.3. 

The pressure-drop coefficient for the tributary duct, based 
on the free stream dynamic pressure, is 

AP 

'e       H. 

AP 
where , dv Is determined from Figure 4,3. 

ft 

(ID 
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The steady gtate spanwise variation in «lot velocity due to 
the pressure-drop in the tributary duct can be determined 
approximately from the equation 

AC 
.5 (.65)  ( 

Pd 
ACp, + AC^ 

) = .32 ( 
ACp< 

ACp8 + AGph 
) (12) 

The value of Yj normally  is somewhat greater than the corres- 
ponding value of Yh*    No  criterion has been determined for the 
maximum allowable value of Yd*  ^ut a suggested or tentative 
criterion is Yj - «OS« 

4.5.2    Equations for Nossle Design 

4.5.2.1    Assumptions and Introductory Discussion 

The data presented for calculating the pressure- 
drop through the slots or through the holes in the 
inner skin are based on the assumption of incom- 
pressible flow.     See. Figure 3.4,. for example.    The 
assumption is valid, within slide rule accuracy, 
because the pressure-drop through the slot or holes 
is small compared with the total pressure.    The 
pressure-drop through the nozzle generally is greater 
than that through the slot or holes and the total 
pressure is less;  thus the pressure ratio r for the 
nossle often is small enough to warrant or require 
the use of compressible flow equations in the design 
of the nossle. 

The determination of the nossle sise required actually 
is a part of the main duct analysis, Section 5} but 
the equations for nossle design are Included in Section 
4 because the nossle is part of the flow passage systma 
between the slots and the main duct.    In this respect, 
the snslyses of Sections 4 and 5 are Interdependent and 
overlapping*    The state of the air In the tributary duct 
is determined from the preceding analyses, and the pres- 
sure in the main duct Is determined from the duct momentum 
equation. Section 5.    The relationship between the pres- 
sure ratio r of the main duct to tributary duct, and the 
nossle velocity, flow rate, and diameter are developed in 
the following equations» assuming compressible flow. 

■ 

- 
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The basic equations for conpressibl e flow, and the                        1 
derivation of the mass flow rate of a compressible                        i 
flow nozzle, are well known and are included in this                    1 
section as a matter of convenience. 

1                                4.5.2. 2    Basic Equations -    Compressible Flow Nossle                                      1 

Po» Po» To 
(u0 = o) 

at                                                  i 
upstream                                   1 
reservoir                                  1 

<t NOZZLE (tributary                                i 
duct)                                        1 

1 4/** 

a -*! - 

P.  P. T, u it exit (main duct)               1 

Equation of state 

»'o'o      pT 
(13) 

Isentropic relations 1 
i               1 

To = 1 + (^ji) M2 

T 
(U) 

Po - ,To, k-l » [l + (iti.)!!2]^! 
P     {T}  . 

(15)                 1 

P             T      •              p 
(16)                1 

«2 - »o 2 U cp (I - J.) (17)                1 

1 
JCP-E<CT> (IS)                1 

1 



1 (SCINCH 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM                                              | 

4.13                      1 
IcwcKci ■CMIT MO.                                             | 

NOR 67-136          i 
IMTE 

i         June  1967 X-21A                      1 

Velocity of sound                                                                                         1 

c = (gk a T)'5                                                            (19)                   I 

Mass flow rate                                                                                               1 

m = pu A                                                                           (20)                    1 

where A is an effective area of the nozzle,  less than                 1 
the gross area Ag.    The relation between the effective              1 
area A and the gross area Ag is shown in part 4.5.2.4.               1 

The mass flow rate also can be expressed in terms of                  1 
the slot Reynolds number as                                                                   1 

m = pi ai w 1     = M *,                                      (21)                   i 

Eliminating m betweenu(20) and (21)                                                   i 

A     -"n1». (22)                   1 M- 

where the subscript n has been added to signify                           i 
"nossle."   An expression for the mass flow parameter                  i 
(Pt0n is derived In the following part 4.5.2.3.                           i 

The following units snd constants are used in the                       i 
preceding equationsi                                                                                1 

p       - psf - lb/ft2                                                                       I 

p       - slugs/ft3 - lb sec2/ft4                                                   I 

T       m degrees Ranklne, 0E                                                           1 

c» u ■ ft/sec                                                                                  1 

A      m slug/tec                                                                            1 

g      - 32.2 ft/sec2                                                                     1 

1      - 33.3                                                                                   1 

k       ■ 1.40                                                                                      I 

1 J       - 77« ft lb/btu                                                                      i 

1 c0     - .24 btu/lb «Rslikine                                                           1 

1 
*                                                                       B 
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4.5.2.3    Derivation of Flow Rate Function pu - Compreasible Flow 
Noiale 

The velocity and flow rate of a compressible flow 
nozzle, in terms of the pressure ratio r,  are derived 
as follows: 

Let r = p/po 

From (13),  (16),  and (23), 

I 1 
.      k      p k p = A    r   = ^o    r 

gRTo 

Substituting (16)  and (23)  into (17) 
k-1 

u2 = To 2 g J cp  (1 - rnr)t or 

^i    .5 
u = [To 2 g J cp    (1 - r   k )] 

(23) 

(24) 

(25) 

Multiplying (24) and (25), 

P, 
PU - (pu). ^m .5    1 k-1    . 

k TT ^ r * (1-r    * ) (26) 

4.5.2.4   Nozzle Area Corractlon 

The relation between the affective area and gross 
area of the nozzle is 

ä    »5 

n 
(27) 

where the pressure-drop coefficient *^ Is determined 

from Figure 3.4 as a function of 0 «   rr u K, for a 
A 

tube with rounded Inlet.    Examination of Equation (21) 
shows that ß can also be expressed as 

a .    ^ x (28) 

«hare the length x is approximately equal to the length 
of the strslght section (if say), plus one-half of the 
length of the hcll-amtth inlet. 
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4.5.2.5    Calculation of Maximum No»«le Size 

The maximum size of nozsle anticipated can be cal- 
culated from Equation (27) by selecting a minimum 
value for ACp    (corresponding to a minimum nozzle 

velocity) and using the Incompressible flow relation 

P    .5 
05. ._      .5 u    = u (—)      AC,, n        » p "n n 

(29) 

Substituting (29) into (27), 

A        Cn.        P        K     !   R 

\      Ka)      u    ^P  ;      IP »       '%/       ^  -P.'      ^Cpn'5 (30) 
n 

A sample calculation applicable to the example used 
in the preceding parts, and assuming ACpn.5 = .25, 

shows that the maximum nozzle diameter is about .20 
inch.    Examination of Figure 4.2 shows that a .20 
diameter nozzle need not extend below the lower surface 
of the tributary duct. 

4.6      ADDmCMAL KEFERBMCES 

Some of the analyses of this section and the following section about 
suction ducts are based on investigations made in the Norair Boundary 
Layer Research Laboratory prior to the inception of the X-21A program. 
Applicable preliminary investigations Includto the following! 

BLC 29     Pfennlnger, V.t    Some General Considerations of Losses 
in Boundary Layer Ducting Systems, February 1954. 

BLC 30     Rogers, K. H.i A Method of Calculating the Presmre 
Distribution in Suction Ducts, February 1954. 

BLC 70     Pfennlnger, W.j and Rogers, K. H.t    Further Invitl- 
gations of an Itnoved Suction Duct, Hey 1955. 

, 
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5.1 INTRODUCTION 

The flow from the tributary ducts is directed through nozzles 
downstream into the main suction duct. The flow from the main 
suction ducts, in turn, is directed through nozzles downstream 
into the mixing chamber. If the latter nozzles are adjustable, they 
are called valves, or flow control valves. The air flows from the 
mixing chambers to the compressors. 

The nozzle or jet inflow is directed downstream into the main duct 
or mixing chamber to provide smooth duct flow and to conserve part 
of the kinetic energy of the relatively high velocity Jets. The 
conservation of part of the kinetic energy of the Jets appears as 
static pressure recovery in the duct. The pressure recovery is very 
efficient if the Jet inlet velocity is only slightly greater than 
the main duct stream velocity, and is inefficient if the duct velocity 
is small compared with the Jet velocity. The pressure recovery from 
the inlet Jets can be used effectively in providing nearly constant 
static pressure along long suction ducts. The pressure recovery of 
the inlet Jets permits the use of much longer suction ducts, and more 
efficient suction ducts, than would be possible with inflow normal 
to the duct length. 

The determination of the pressure distribution along the suction 
duct or the miking chamber, and the determination of the nozzle 
sizes required, are made in one analysis by the use of the duct: 
momentum equation, derived in this section. The duct momentum 
equation includes the effects of the rate of change of momentum 
of the inlet Jets, the rate of change of momentum of the main duct 
stream, and the wall friction force. The value of the coefficients 
for pressure recovery of the inlet Jets and for wall friction are 
determined from experiments. 

Suction air from the farthest aft regions of the wing, including the 
aileron, is ducted forward and injected downstream into the deeper 
ducts through relatively large transfer nozzles. Inflow from the 
transfer nozzles is treated analytically in the same way as inflow 
from the tributary noszles in the suction duct analysis« 

The duct momentum equation also can be used for the analysis 
of suction ducts with inflow normal to the duct length If suitable 
experiments are uade to evaluate the enpiricel coefficients of wall 
friction and pressure recovery (or loss) from the Inlet Jets. 
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5.2    NOMENCLATURE 

Lower Case Letters 

uC 

8 

k 

1 

LI 

n 
Ai 

n 

P 

radius of nozzle,  ft 

pressure-drop coefficient, Ap/q. 

hydraulic diameter of main duct,  ft 

d »= 4 A 
perimeter 

diameter of nozzle, ft 

pressure recovery coefficient, applied to rate of 
change of momentum of nossle jet 

2 
acceleration of gravity, 32.2 ft/sec 

adjacent stations along duct, marking the beginning 
and end of the duct length increment Al. 

wall friction coefficient. See F, or Bq. (26) 

length of main duct, ft 

incramental length of main duct, ft 

length of tributary duct, ft 

mass flow rat« of Jet Inlet, slug/sec 

■ass flow rate In main duct, at stations J and k, 
slug/sec 

ratio of specific heats, 1.40 

2 
pressure, lb/ft 

pressure-rise txom main duct station J to k, 
(Ap - pk . Pj), ib/«t2 

2 2 dynamic pressure o u , lb/ft 

■ 

■ 

• - 
-J 
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r 

u 

UI 
w 

X 

Capif 1 Letter« 

A 

BfC 

Bi,C« 

J 

M 

u^B 

pressure ratio  for nossle 

velocity,   ft/sec 

approximate velocity of inlet Jet,  ft/sec 

slot width,  ft 

effective length of nossle, ft 

2 
area of main duct crossssection, ft 

terms in compressible flow equation 

C Ap 

Ref. Eqs. (12>, (13) 

terms in incompressible flow equation 

u = B« - C» Ap 

Ref. Eqs. (17), (18) 

specific heat at constant pressure,  .24 Btu/lb 
"Rankine 

friction force over incremental duct length Al. 
Ref. Bq.  (26) 

mechanical equivalent of heat, 778 ft lb/Btu 

flight Mach number 

radius Reynolds number for nossle. DUi a 

Reynolds number of main duct, 
o u d 

slot width Reynolds number, (fiJi)i w 

unit Reynolds nuaber of free stream, (ß^)m 

gas constant 53.3 ft lb/lb »R 

' 

■ 
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T temperature, 0Rsnkine 

U velocity ratio u/u^ 

Greek Letters 

ß noszle parameter T/R 

V- 
2 

absolute viscosity,   lb sec/ft 

P density, slug/ft3 - lb sec2/ft4 

T nozsle geometry x/a 

Subscripts 

0 upstream end of main duct 

d duct 

1 inlet Jet 

J. k adjacent duct stations 

n nossle 

t reservoir condition upstream of nossle 

Superscripts 

A bar above the letter means that it is the sverage value, for the 
incremental  length Al.    For examplet 

Ä 

a 
2 

i^Jk..... 
H* 

■ 

/' _       ^-. 
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5.3    SUCTION DUCT ANALYSIS 

Fig.   5.1    SUCTION DUCT ANALYTICAL MODEL 

5.3.1   DMcrtptton of Analytiul Model 

The •uctlon duct to bt analysed la shown in tha accompanying 
sketch, Fig. 5.1.    The analytical nodal applies to either a 
■uctlon duct or a mixing chamber.    Bach incrmental length Al 
of the duct haa one or more inlet jets of msss flow rate m^ 
directed substantially downstrsam into the main duct.    Jeta 
in the sane incremental length AI, with the sane reservoir 
pressure (same pt inmediately upstrear of the nossle), can be 
lumped together In the analyais.    The Incremental length Al 
should be greater than and preferably several times the hydraulic 
diameter of the main duct In order to allow sufficient length 
for mixing. 

The analyais makes the simplifying assumption that tha velocity 
and praasura are constant scross tha duct aaction at the end 
of each incremental length Al«   The density is sssumed constant 
slong the duct length. 

( i 

■ 
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5.3.2    Derivation of Equations 

Mass Flow Rate 

The mass flow rate at any duct station J is 

iria+ti\                                a) 

The mass flow rate for a single tributary nossle,  from 
Section 4,  is 

1                                                                                                                                                                                                                                                                                                          -c 

Ä1 -   ^ ^ Rw1                                                                   (2) 

Duct Velocity 

The duct velocity at any duct station J is 

u<-rV                                           (3) 
0
 J 

where p0 is the duct density,  calculated for duct station 0 
but applicable everywhere along the duct.    That is. 

Po (4) Po    "    gITt 

Similarly,  the duct velocity at station k is 

-"-'X 
Nossle Velocity 

The equation for nossle velocity is taken from Section 4. 
The nossle velocity for compressible flow is 

»4 - {'• «t <£> t* - <Hf*) " 3)'5          <M 

i                             where Ap » Pjj - Pj                                                                             (7) 

• 

and n + 1.40. 

| 
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The term Ap Is the variable or unknown to be found In the 
solution of the duct momentum eguation. It is convenient 

to expand the term /EJ ±  'SApjn  ag followg> retaining 

only the first two terms. Ap is always quite small compared 
with pi, and the second order term Ap^ is relatively insignificant. 

n-1      n-1 i -i. 

(!i + ^ n  = An + ^ JH (Pi> 

Substituting (9) into (6): 

Expanding (10) and retaining only the first two terms: 

u.fe B - C Ap 

where 

and 

-.3535 (gRTt) .5 

n-1    .5 

{<^> * ■ <$n ]} itf 
the nossle velocity for incompressible flow Is 

-i-c 
2 (Pf " Pi * «SAp)^ 
 S U ^1 

Expanding (14) and retaining only the first two temst 

2 (pt-p.    .5 .2 (p -p.\-.5 

o o po 

or, purtine (15) in the same form as (11), 

where 

u   at B'  - C» Ap 

;t 

G. - [- .3333 .3 

7VP7] 

■•■V>   ', 

f ■m 

_ 

(9) 

(10) 

(ID 

(12) 

(13) 

(14) 

(13) 

(16) 

(17) 

(It) 

. 
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Momentum Equation 

The duct momentum equation for an incremental  length Al is 
derived by equating the rate of change of momentum to the 
pressure and friction forces.    With reference to the increment 
Jk shown in Fig.* 5.1,  the momentum equation is 

where 

Zf mi (^-v^) + A.  ^"j"^ = Ä Äp + F 

2 
_     k Al A ft) G 

(19) 

(20) 

f ■ pressure recovery factor,  shown in Figure 5.2 

k ■ friction coefficient (k = .316 for smooth pipes, 
according to the Blaslus formula) 

and 

2 (21) 

The three terms F,  f and k are discussed in more detail in 
this section. 

Substituting (II) into (19),  for compressible flow nossles, 

Ef ml (B-»^ - C Ap) + m    (u.-u^ - Ä Ap + F (22) 

Equation (22) can be written 

AP -Ef Ai (B-v: ^ ^i-v *f 

~~r+    sf A1 c 
(23) 

Equation (23) applies to compressible flow nossles, with B and 
C defined in equations (12) and (13). For Incompressible 
flow nossles, substitute B» and C» for B and G. B« and C« 
•re defined In Equations (17) and (18). 

Evaluation of Pressure lecevnr Coefficient t (let. FIK* 3.2) 

In the «valuation of the preesure recovery coefficient f, 
a negligible error Is involved If the velocity ratio for 
entering Figure 5.2 is calculated based on the duct pressure p. 
instead of pj + .5Ap. The velocity retio for entering Figure J 

5.2 then for coMpreaslbla flow, from Equation (6)t 

mmm 

. 



CHCINCn 

CHECKCII 
NORTHROP CORPORATION 

NORAIR DIVISION 

PAW 
5.09 

NOK 67-136 
DATt 

June 1967 
MOOCL 

X-21A 

n-1       e 

(24) 

For IncompreMlble flow, the velocity ratio for entering Figure 
5.2 is,  from Equation (14)» 

(25) 

The data shown in Figure 5.2 are based on a limited number of 
experiments, and are considered tentative, pending a more 
comprehensive evaluation. 

Evaluation of Friction Term F 

Substituting P0 u 3/u    for Rd in Equation (20), and collecting 

0 k Al Ä p F = F< 
.75      .25 - 1.75 u u p0 

FF755" 
(26) 

The bar above the letter means average value for the increment 
LI*    foi example, G = (ui + uk)/2,  etc.    The friction factor 
k is empirical, evaluated from suction duct experiments.    The 
value varies, depending primarily upon the roughness of the 
duct walls.    A representative value, including the effect of 
rivet heads and fasteners, is 

.50 (27) 

5.3.3   Method of Calculating Pressure Distribution Along the Suction Duct 

A starting pressure p0 at the upstream end of the main duet, 
ststion 0, must be assumed.    The duct density P0 is then calcu- 
lated from Equation (4). 

Beginning with the first upstream increment of duct length, 
the pressure change Ap^ is calculated from Equation (23), 
assuming either compressible or incompressible nossle flow, 
whichever is applicable.   The increment Ap,then is added to 
the starting pressure p0 to provide the upstreem duct pressure 
p. for the second Increment.   Thus» the pressure distribution 

along the main duct is determined one step at a time, beginning 
with the upstream end* 
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For convenience,  the duct momentum equation it repeated,                              1 
followed by a reference table for evaluation of the terms of                     i 
the equation:                                                                                                                    i 

».-„. -p. -«*t(..«k)**1(vV-' 
K     J                 Ä + Er Äi e (23 repeated)! 

Term Reference 

Compressible 
Flow Nossle 

Incompressible 
|                   Flow Nossle 

f Eq.  (24) and 
Fig.  5.2 

Eq.  (25) and 
Fig.  5.2 

mi 
Eq.  (2) Eq.  (2) 

•B or B» Eq.  (12) Eq.   (17) 

C or C> Eq.  (13) Eq.   (18) 

e 
Eq.  (1) Eq.   (1) 

UJ 
Eq.  (3) Eq.   (3) 

^ 
Eq.  (5) Eq.   (5) 

F Eq.  (26) Eq.   (26) 

1       5*6 
Ä Eq.  (21) Eq.   (21) 

DETEB 
i 

MINATION OF NOZZLE SIZES 

After the pressure distribution along the suction duct has been                           1 
determined from the duct momentum equation, as shown in part 3.3,                        i 
the nossle sises can be computed.   The derivation of the equation«                      1 
for nossle sise determination is presented in Section 4.    For                               1 
compressible flow nossles the nossle sise is expressed as a function                  i 
of the nossle pressure ratio r.    For incompressible flow nossles,                        1 
the nossle sise is expressed as a function of the nossle pressure-                     i 
drop coefficient Aon .                                                                                                            1 

I 

m 

1 1 
1 

. 
v-7 
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The equations for nossle size determination are repeated here, 
with the notation applicable to this section. 

Conprcsslble Flow Nossle 

g   "    ^      (Pu^ 
.5 • A  »S    M1  ! R

u 

<N\r (28) 

Where (=^) Is determined from Figure 4.7.2 as a function of 

fJ =   T-R    .and 
1 w 

(pu). .5 R 
i (i^j.S r^ (1 

g 

n-1 

r       )    , 

where    r (2pt    > 

(29) 

(30) 

The nossle diameter Is 

d   =("-r&) n 4 

Incoapresstble Flow Nossle 

(31) 

A. - A-5 ^ ih'5 1 R 
R,.ACP, 

-.5 

where ACp   « ^Pn/^» "^ 

(32) 

(33) 

(=^) Is determined from Figure 3.4.    The nossle diameter is determined 
% 

from Equation (31). 

S.5   SOLOTI0H8 BY AUTOMATIC COMFUTgR 

The solution of the duct momentum equation and the determination of 
required nossle slsea for a given suction surface« suction distribution» 
snd flight condition can be den« with an automatic computer program, 
utilising the aquations of Sections 3, 4, sad 3 and the boundary layer 
coaputer program described in Section 2.   The progrem also can 
acenawadata the transfer of flow from another suction duct and thereby 
can deteaaina transfer nossle sisas as wall as tributary nossle sises. 
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Such a nozzle sizing program was used in the X-21A design. 

A somewhat simpler but similar program can be used to determine the 
valve or nozzle sizes leading from the suction ducts to the mixing 
chamber ahead of the compressor inlet. 

5.6    OVERALL DUCTING SYSTEM PRESSURE DIAGRAM 

In a bi-level suction system, such as used on the X-21A airplane, the 
flow from the low-pressure upper-surface ducts is mixed in a chamber 
ahead of the low-pressure compressor and then pumped up to the 
approximate pressure level of the remainder of the suction flow and 
then mixed in a second chamber upstream of the high pressure compressor. 
A pressure diagram for this X-21A system described is shown in Figure 
5.3. 
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SECTION 6 

BCTERNAL PRESSURE DISTRIBOTIOH CRITERIA AND 
WING DESIGN TO MEET THESE CRITERIA 
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6.1    IWrRODUCriON 

The design of a Laminar Flow Control wing,  In addition to the usual 
design factors  such as an optimum combination of area, aspect 
ratio, sweep and thickness to chord ratio,  is governed by the two 
additional  Important factors of proper surface pressure distribu- 
tion.and suction distribution.    An iterative procedure, combining 
analytical and experimental  techniques,  is applicable to the develop- 
ment of a wing configuration for any aircraft being adapted to 
Laminar Flow Control.    This method was used by Norair in designing 
the wing for the X-21A airplane.    The choice of the optimum pressure 
distribution is largely governed by the cruising flight condition. 
The ideal wing is one for which the chordwise pressure distribution 
is Identical at all wing stations.   Furthermore,  the ideal chordwise 
pressure distribution is shaped for minimum required suction and 
for maximum possible lift without exceeding the local sonic velocity 
by more than a specified amount.    Flight tests by Norair on a 
laminar wing glove on an F-94 aircraft Indicated a local Mach 
number of 1.04 to be conservative, even though exceeded in the 
F-94 tests under certain conditions.    LFC flight  tests, on the X-21A 
airplane verified the previous results, showing that a local Mach 
number of 1.04 can be exceeded «omewhat without loss of Laminar 
Flow. 

The foregoing considerations suggest that the upper surface pressure 
distribution should be relatively flat-topped to approximately 
mid-chord v thout the local Mach number exceeding 1.04.    The lower 
surface pr-vjure distribution must be such that the necessary air- 
plane lift is attained. 

6.2    NOTATION 

C, Airplane lift coefficient, C W/qS 

c 

csv 

Pressure coefficient. C 
\ 

Pitching moment coefficient 

Wing chord 

Average wing chord, S/b 

Local lift coefficient 

A 

Ap/q 

— -,—-T-~   



CITiNCH 

CHCCKC« 
NORTHROP CORPORATION 

NORAIR DIVISION 
6.02 

•craRT «0. 

NOR 67-136 
MTt 

June 1967 X-21A 

FRL 

LFC 

</ 

W 

x/c 

Tl 

y 

A 

Fuselage Reference Line 

Laminar Flow Control 

Mach number 

2 
Local static pressure, LBo/FT 

2 
Freestream static pressure, LBS/FT 

2 
Freestream dynamic pressure, LBS/FT 

2 
Wing planform area, FT 

Airplane gross weight, LBS 

Dimensionless streamwise distance from leading edge 

Distance normal to airplane plane of symmetry as a 
ratio of wing semi-span 

Ratio of specific heats for air, c /c r * p v 

Sweep angle of a wing element line, DEC 

Angle of attack, DEC 

6.3 WING DESIGN CRITERIA 
,. 

The success in configuring the airfoil contours of a swept wing cij- ., 
to efficiently obtain full-chord laminar flow by suction depends ? :'->'' 
upon the degree of satisfaction of a number of criteria. One of 
the most important of these is the ability to fly at high subsonic 
Mach numbers and at lift coefficients for maximum lift/d'-ag ratios 
without formation of shock waves on the wing surfaces.  elimination 
of the shock waves can be accomplished by maintaining local flow 
velocities normal to the wing isobar« less than the speed of sound. 

The optimum Laminar Flow Control wing may be considered to be one 
which, at the design flight condition, has a chordwise pressure 
distribution that is identical at «11 spanwise stationa. This 
type of pressure distribution Is ideal since It has straight Isobars 
everywhere coincident with the wing element lines, and satisfies 
the two-dimensional boundary conditions of the existing Laminar 
Flow Control theory used for computing auction quantities (Reference 1). 

• 
• • . 
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The pressure distribution criteria oust apply everywhere within 
the exposed wing area which is designed for Laminar Flow. This 
would exclude an area near the wing-fuselage intersection, an area 
at the tip and any other areas blanketed by pumping pods, pylons 
or fairings (Reference 1). 

Along any element line, within the Laminar Flow Control area, the 
magnitude of the pressure coefficient should not vary more than 
0.1*. The gradient magnitude must not be greater than 0.02* 
per foot of span (Reference 1). 

The local Mach number normal to the element lines within the LFC 
area must not exceed 1.0A. This criterion may be applied to element 
lines rather than to isobars to avoid the dilemma faced by con- 
sideration of flat upper surface pressure distributions, both 
chordwise and spanwise, where very small pressure coefficient 
gradients may cause the isobars to be highly swept locally. 

6.3.1 Win» Pressure Distributions 

6.3.1.1 Chordwise Pressure Distribution 

The problem of developing a wing for a Laminar Flow 
Control airplane is one of contouring it so as to 
establish favorable chordwise and spanwise pressure 
distributions. The upper and lower surface velocities 
should rise rapidly at the front of the airfoil, as 
indicated in Figure 6.1 by a rapid decrease in pressure 
coefficient. Large leading edge negative pressure 
peaks which could cause early transition of the 
boundary layer must be avoided, but the airfoil 
section should be designed to load the leading edge 
rapidly In order to minimise cross-flow in the 
boundary layer. In the mid-chord region the pressures 
should be approximately constant, corresponding on the 
upper surface to a local velocity normal to the 
element lines which is equal to, or slightly in 
excess of, the speed of sound. Under these conditions, 
the aft pressure rise will be fairly steep. This 
type of chordwise pressure distribution minimizes the 
suction requirsmtnts while providing a maximum 
amount of lift without shock affects. 

* NOTE: Quantities identified with an asterisk * are presented to 
show order of magnitude only. Critical values are subject 
to change depending upon the airplane mission. 
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The lower surface pressure coefficient distribution 
should be  similar in shape to that of the upper 
surface but should be such as to give an adequate 
local  lift coefficient.    The pressure coefficient 
at the trailing edge is about +.20. 

The desired chordwise pressure distribution is 
affected by the geometric distribution of the 
thickness and camber of the airfoil section together 
with three-dimensional induced effects due to camber, 
aspect ratio, twist and taper. 

6.3.1.2    Spanwise Pressure Dlstrilution 

The laminar flow control wing requirement for a 
spanwise  lift distribution involving straight Isobars 
implies that the  local section lift coefficient 
remains constant across the wing span.    Obtaining a 
constant spanwise  lift distribution is the first 
requirement in obtaining the same aerodynamic char- 
acteristics at all wing stations (references 2 and 3). 

One of the analysis tools is an inductic ■ lift matrix 
which calculates the angle of attack dl» ; «-ibution 
corresponding to a constant spanwise litt coefficient. 
The twist distribution is derived by thl« method. 

The lines of constant pressure in a typical LFC wing 
Isobar diagram (Figure 6.2) are almost coincident 
with the straight element lines of the wing.    This 
Isobar pattern represents a considerable Improvement 
over the usual swept wing, which may have much 
larger losses in aerodynamic sweep at the root and 
tip.    When Isobars are swept less than the wing 
clement lines and aerodynamic sweep Is reduced, the 
allowable cruise Mach number oust be reduced to avoid 
local shock waves.    Also, a non-uniform Isobar pattern 
leads to a mot« complex suction system design. 

Figure 6.3 Illustrates flight test and wind tunnel 
measurements of the spenwise distribution of pressure 
coefficient along the 10X chord line for the X-21A 
wing in cruising flight. 
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6.3.2 Wing Twi8t Distribution 

As already mentioned, the requirement for a spanwise  lift 
distribution that has relatively straight isobars dictates 
that the wing be twisted.    An Induction lift matrix may be 
used to calculate this twist.    The  theory indicates a large 
parabolic  increase in the  local geometric angle of attack 
at the wing root, and a similar large increase at the tip. 

V. Figure 6.4  illustrates a typical wing twist distribution for 
an LFC wing.    The  large angle of attack theoretically required 
to maintain a constant  lift coefficient in the wing tip region 
does not prove to be a satisfactory configuration based on 
experimental  results.    (It  is impossible to maintain a con- 
stant lift coefficient all the way to the wing tip.) 

6.3.3 Wing Section Characteristics 

6.3.3.1 Wina Thickness Distribution 

When the selection of the basic airfoil section has 
been made, modifications may be made, depending upon 
the results of analytical and experimental studies, 
to the basic section to bring its final configuration 
to that which will achieve the desired results for 
the airplane mission. 

Experimental results indicate that wing thickening 
is needed near the root because it is not completely 
possible to maintain the upper surface pressure 
distribution in this area in spite of the large 
increase in twist. There is considerable advantage 
in reduction of weight and stiffening of the wing 
when the root is thick.  Slight thickening near the 
wing tip nay be required resulting from mechanical 
compromises if the wing is developed from a aeries 
of straight element lines. A typical thickness 
distribution for an LFC wing configuration designed 
to cruise at Mach 0.80 and 0.30 lift coefficient, 
is shown on Figure 6.5. 

6.3.3.2 Wine Camber Distribution 

The camber distribution for the typical swept wing 
ahown In Figure 6.6 indlcatea that, a« a generality 
the camber Una exhibits a local curvature near the 
leading edge followed first by a long flat area 

■ 

■ 

rp 



CNCmtCR 

CHCCKM 
NORTHROP CORPORATION 

NORAIR DIVISION 

6.06 
MMMT HO. 

NOR 67-136 
MTI 

June 1967 
MMII 

X-21A 

and next by a considerable amount of rather localized 
curvature at the start of  the aft pressure rise. 
This condition has been referred to as "aft camber." 
The  spanwise distribution of camber involves a 
reduction of  leading edge camber very near the root. 
This reduction results from the necessity for 
Increasing the magnitudes of the upper surface 
pressure coefficients at the  inboard  leading edge. 
This is accomplished not only by reducing the camber, 
but also by local  thickening. 

Analysis of experimental data indicates that moving 
the  location of maximum chordwise  thickness aft 
will   increase  the sweep of  the  isobars in the out- 
board region of the wing.     Increasing the isobar 
sweep angle allows higher angles of attack and lift 
coefficients to be obtained before  limiting shock 
strength is encountered. 

6.4    ANALYTICAL METHODS 

At any spanwise station, the chordwise distribution of lift is 
determined primarily by the airfoil  section.    Because an iterative 
procedure must be used in the design process to establish the correct 
wing section, the first step is to select a standard low drag section 
of approximately the proper design lift coefficient for the mission 
of the airplane.    The  selected section may be  somewhat removed from 
the optimum section required to satisfy the conditions set for the 
design, but it does allow the initiation of a wind tunnel program from 
which experimental data can be obtained for correlation with theory. 
Theodorsen's method for calculating the incompressible velocity 
distribution, when programnted for a computer, i» a useful analytical 
tool.    The Theodorsen procedure may be used to evaluate incompressible 
increments in velocity and pressure distributions for changes in 
airfoil shapes.    In the area of compressibility corrections,  the 
generally used first order theories such as the Prandtl-dauert or 
Karman-Tsien methods are not sufficiently accurate when dealing with 
velocities which must rise close to the sonic velocity on the wing. 
These corrections are only adequate when used for thin wings at 
low angles of attack.    A better approximation is that of John Sprelter 
of NASA (Reference A).    Excellent correlation is obtained from 

^ • 
*• 

• 



CNCINCCR 

CHCCKOI 
NORTHROP CORPORATION 

NORAfR DIVISION 
6.07 

MPMT HO. 

NOR 67-136 
OATI 

June 1967 
MOOCt 

X-21A 

Spreiter's theory for the upper portion of  the wing aft of the 
maximum thickness point and for most of the  lower surface.    For 
the forward upper portion of the wing, particularly at the inboard 
stations,  predictions by this and all other standard methods are 
of the  incorrect sign.    This forward upper portion is the most 
difficult to match to the sonic pressure  line.    Spreiter's formula, 
(Reference 4, Eq.  No.  31), as modified for use with swept back 
wings is: 

,-2  (1-M^CQ8
ZA)/ 

p   . ;    1 - Ll ♦ 1 (YH) *l Cpi* 
2/3 

i (yH)  M' 2       2 
(I-M cos 

00 
A) K 

where Cp      is the pressure coefficient measured in the conventional 

manner on the  same wing and at the  same angle of attack. 

A graph illustrating the effects of the formula on incompressible 
pressure coefficients is shown in Figure 6.7.    The theor*tteak'turves 
indicate increasing values for Cp with increasing Mach number, 
whereas the test data shows the reverse in the case for the upper 
forward wing section.    Experimentally determined comptessibility 
corrections    may be used to cover the wing section where Spreiter's 
formula is invalid (Reference 2).    A method presented in Reference 
5 may be of some assistance in this area of the wing, but  this 
method also has limitations in that at the design angle of attack, 
the stagnation line oust be assumed to be at the geometric  leading 
edge of the airfoil. 

The aeroelastlc effects on a typical LFC wing may be considerable 
if the wing is highly swept and has a relatively high aspect ratio. 
Digital computer programs are available for aeroelastlc analyse«. 
The aeroelastlc problem is to determine the distribution of local 
aerodynamic angle of attack differences between the model and the 
airplane. 

The change In shape of the airplane wing due to flight loads for 
a given root-chord angle of attack will differ from that of the model 
under tunnel test conditions.    If no effort is made to account for 
this change, large errors in estimating full scale pressure distributions 
will be sustained by direct use of the tunnel data.    It 1« recommended 
that this be accounted for as accurately as possible by building 
the pressure distribution model with a twist distribution differing from 
wings of the airplane, so that under load the «ode1 will more closely 
match the airplane under load. 

* ■; 

• 

■ - 



romu jo-7* tNCINCCR 

CHCCKU 

DATE 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

6.08 
REPORT NO. 

NOR 67-136 
MOOtL 

X-21A 

The process follows: 

(1) Previous to specifying final airplane wing lines, develop 
the model wing to the point that tests demonstrate a uniform 
span loading at the design Mach number and lift coefficient. 
When this criterion is satisfied, assume that these tunnel 
data are the final airplane wing pressures. 

(2) Assume that sum of the span load distributions computed 
theoretically for the unloaded model plus the changes due 
to tunnel loads is exactly equal to the corresponding sum 
for the unloaded airplane wing plus t'e aeroelastic changes 
due to inertia and flight loads. Then solve for that no- 
load twist of the airplane wing which satisfies this equality. 
Specify this twist distribution for the airplane wing. Of 
course, the process of equating load distributions really 
infers that the sum of the local lift coefficients at any 
point along the span must be equal. 

When this procedure was followed in the X-2IA program, the 
unloaded model wing tip was washed out six tenths of a 
degree more than the specified airplane wing twist. 

It may be found that at a point in time after the wing 
twist decision point has been passed, further modificaticns 
affecting the span loading may be made and re-tested in the 
tunnel. If the tunnel results verify the change, then a 
modification of the foregoing process is in order, i.e., 
given an airplane Mach number and lift coefficient, find the 
model root chord angle of attack at which to measure the 
chordwlse pressure distribution. This value of o will differ 
from point to point along the span, however, the essence of 
the matter is to assume that at a given position along the 
span, a theoretical change in local angle of attack caused 
by local wing modification will cause the same change in 
chordwlse pressure distribution as would be caused by an equal 
change in root angle of attack on a model of fixed configuration. 

6.5 AERODYNAMIC DESIGN TEST TECHNIQUES 

The development of a new wing configuration la initiated by 
analytical studies and testing of wind tunnel models. Early 
X-21A model testing experience revealed the necessity for building 
each of the model wing panels in one piece to avoid the adverse 
effects of surface discontinuities on surface pressures and also 
to reduce the complexity of the model aeroelastic analysis. 

- 

. 
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From experimental data from small scale wind tunnel models based on 
data taken at M = 0.30,  it is concluded that high Reynolds number tunnel 
operation is not essential in order to obtain pressure coefficient 
accuracy, provided that the Reynolds number is sufficiently high to 
prevent separation.    Inspection of the graphs of pressure coefficient 
versus angle of attack for various positions on the X-21A model wing 
showed that for angles of attack less than 8 degrees and within a range 
of mean aerodynamic chord Reynolds number of 1.4 to 4.1 million,  the 
data ut a given angle of attack all fell within a band of + .015.    The 
average transducer accuracy is not better than this. 

The design and construction of wind tunnel models for LFC tests requires 
strict control of the contours of the aerodynamic surfaces.    If model 
tolerances are too lenient, adverse effects on the accuracy of the 
pressure measurements result.    To insure accurate model pressure data, 
model wing ordinate tolerances of the order of + 0.002" to 0.005" are 
recommended with the more stringent tolerances applicable in the 0% to 
50X x/c area.    As the full scale LFC airplane waviness tolerances are 
quite small,  the model tolerances must also be stringent.    To maintain 
equal waviness tolerances in terms of wave amplitude to wave length,  the 
model absolute tolerances would bear the same relationship as the model 
to airplane scale factor.    For example, a representative tolerance for 
wave amplitude on the X-21A airplane was .003 inches for repeated 3-inch 
long waves.    The corresponding dimensions on the .06 model are .0002 
amplitude on .2 long waves.    An amplitude tolerance of .0002 is far less 
than the model contour tolerance.    Thus, the same waviness ratio could 
not be achieved on the model; but the example shows the extreme importance 
of model smoothness.    A surface waviness of..0030 inches per inch wave 
length was maintained on the critical models used by Northrop Norair. 

Low speed wind tunnel model tests are valuable in investigating con- 
figurations leading to constant wing chord line isobars for the simulated 
design Mach number.    Use of low speed models is an inexpensive method to 
obtain large amounts of preliminary data on wing geometry, tip configur- 
ation, wing-mounted nacelles and wing root-body intersections. 

Full span pressure models must be tested extensively at high speeds to 
develop the optimum wing configuration, wing nacelles, and to determine 
the effects of the wing body intersection under the influence of compressi- 
bility.    Preliminary high speed wing tunnel teats run with Norair's 
X-21A model, using a basic NACA low drag airfoil section, revealed that 
the pressure distributions obtained were unsatisfactory for an LFC air- 
plane.    The primary difficulty was that the upper surface leading edge 
pressures did not drop fast enough.    Later tests using modified airfoils 
achieved the desired pressure distributions. 
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The wing surface  static pressure measurements for the model data were 
obtained with the use of a pressure model which contained approximately 
three hundred orifices total for the upper and lower surfaces.     It 
required approximately three minutes to read these pressures at a single 
angle of attack by use of Scanival'ves located in the model fuselage. 
Automatic read-out equipment and data reduction is mandatory when sam- 
pling this large a number of pressures.    The reduction process must 
provide a print-out of all data at a single test point arranged in 
columns and rows according to spanwise station, chordwise  station and 
surface (upper or lower).    The pressure data should be integrated to 
yield local and total  lift and pitching moment coefficients.    The model 
testing program for the X-21A involved about one hundred sixty (160) 
hours of high speed testing and approximately one thousand three hundred 
(1300) hours in low speed facilities. 

Wing surface static pressure distributions also were obtained in the 
X-21A program fror* flight testing.    The purpose of these tests was to 
evaluate the degree of accuracy of the method of using wind tunnel 
meaaurecents, modified by estimates cf aeroelastlcity, for predicting 
flight pressure distributions, and further, to evaluate the degree by 
which the specific LFC criteria applying to pressure distributions are 
satisfied in an actual wing design.    It was found that there was excel- 
lent correlation between the flight measurements and the predictions 
based on wind tunnel  tests.    The criteria regarding the flat-topped 
chordwise distribution of pressure in the mid-chord region and  the 
uniform distribution of pressure along the spanwise element lines were 
shown to have been satisfied (see Figures 6.1 and 6.3). 

The flight wing surface static pressure meaturemencs were obtained 
using two types of Instrumentation.    The first type, which is preferred 
because of greater accuracy, employed flush static orifices which were 
installed when the wing was fabricated.    The second type of instrumenta- 
tion was "Strip-a-tube."   This second type may be installed after the 
wing is built.    Strip-a-tube installations offer more flexibility but 
sufi«r somewhat in accuracy.    It is an external Installation and the 
orifices are spaced above the wing surface a snail distance.    Extra care 
is needed when using Strip-a-tube in the leading edge region to fair the 
tubing in the direction of the local  streamlines. 

' "*■ 



rOHM aO-7A 
(N.ii-«a) CHWMCn 

CHCCRCR 

DATE 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

M«C 

6.11 
KKMT NO. 

NOR 67-136 
MODEL 

X-21A 

6.6 PRESSURE DISTRIBUTION  IN THE WING NOSE REGION 

Both analytical and experimental determinations of the pressure 
distribution in the wing nose flow attachment zone and in the adjacent 
regions of strong chordwise  pressure gradients deserve special 
attention in the design-development of an LFC airplane.    The chordwise 
pressure distribution for the various LFC flight conditions must 
be known much more accurately in the wing nose  region than in any 
other part of the wing in order to design a satisfactory suction 
surface and ducting system to accommodate the chordwise changes in 
pressures and flow directions in this region. 

A computer program developed by J. Goldsmith,  references 7 and 8, 
based on the Theodorsen method of determining velocity and pressure 
distribution on an airfoil, has been found useful  for the analytical 
determinations of chordwise distribution of pressures in the wing 
nose region.    Families of wing nose  shapes can be  investigated 
conveniently by this method for the design-analysis.    The wing nose 
shape for a proposed major modification program was determined by 
the method described, and subsequent flight tests on the first 
X-21A airplane  (-408) with a dummy wing nose duplicating-the 
proposed major modification verified the results of  the calculations. 
The flight tests used about  18 flush pressure  taps per spanwise 
station in the wing nose region to accurately define the chordwise 
distribution of pressure. 

The new leading edge radius for the proposed modification faired 
into the original wing at front spar station 402 and radius =  1.47 
inches.    The radius increased linearly to 2.00 inches at front spar 
station zero, and the forward tangency point increased linearly 
to 2.40 inches ahead of the original wiug at the sane front spar 
station zero.    The new leading edge radius was faired into the original 
wing at about 31 chord by an elliptical shape tangent to the wing 
nose circle and tangent to the original wing.    Only minor corrections 
to the wing nose fairing, in the outer wing, were required as a 
result of the flight test data. 
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6.8    ILLUSTRATIONS INDEX 
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7.1    INTRODUCTION 

' 

( 

Special attention oust be given to the tack of deelgnlng non-tuctlon 
aerodynamic lurfaces In proximity to the LFC wing.    Major element« 
falling In thle category are wing mounted nacelles, wing tips and 
the fuselage area directly abreast of the wing root.    In any high 
speed subsonic wing design problem the effort is always to attain as 
high a speed and as high a lift coefficient as possible at that speed 
without encountering shock waves In cruising flight.    The only design 
which satisfies this requirement Is one having a two-dimensional air- 
foil pressure distribution optimised for the design Mach number and 
lift coefficient, and having this same chordwise distribution at all 
spanwise stations.    The LFC wing design allows no large relaxation of 
these requirements anywhere on the wing, hence nacelles, wing tips 
and fuselage oust be contoured so '3 to satisfy this requirement. 

The design objective in regard to surface pressure distribution, 
described in the preceding paragraph, is important on an LFC wing for 
other reasons.    Spanwise variations in surface pressure along the 
wing element lines cause spanwise variations in crossflow that make 
the determination of required suction more difficult.    Also, spanwise 
variations in surface pressure along the spanwise suction ducts 
penalise the duct performance and make the suction ducting design 
more difficult.    A penalty to the suction duct performance, in terms 
of lower pressures in the ducts, results in increased equivalent drag 
of the wing. 

7.2    GENERAL CONSIDERATIONS 

The general problem in which the final pressure distribution over the 
laminar surfaces of the wing is spscified at a given Mach number and 
lift coefficient is addressed here.    It is aUo possible that the 
general volume requirements of the nacelles might be specified.   The 
position of the wing tips and wing root is known.    An adequate theory 
is needed which would allow the shape of the nacelles, wing tips and 
wing root junctions to be defined such that the specified pressure 
distribution would result.    However, no such theory exists.    Efforts 
are in progress to solve this inverse problem for the wing alone, taut 
because of inadequacy of the elementary subsonic compressibility theory 
near the stagnation sones, this effort cannot attain the desired 100X 
success.   Flow solution« have been obtained for Intricate body shapes, 
wing body intersections, nacelles with spiked Inlets and so forth for 
incompressitale flow.   All of these have a limitation on the number of 
control points on the surface of the body being approximated, and none 
exists as far as is know, which will give an adequate representation 
of the LFC wing problem, namely the wing-fuee lege-nacelles-tip combina- 
tion. 
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Consequently, the design of the LFC wing is largely iterative. 
A considerable amount of analysis must take place at the  initiation 
of the project followed by as much low speed testing as possible. 
Finally a high speed test is made  to evaluate the influence of 
compressibility, and depending upon the results the entire  procedure 
must be repeated as many times as  required for satisfactory convergence, 

The X-21  program proceeded with the objective that the  spanwise 
pressure coeffirlen    along any wing element line at the design 
flight condition should be nearly constant.    Although the final 
wing design shows variations in  surface pressure of several percent 
of  the free   stream dynamic  pressure as compared with the  ideal 
distribution, the resulting spanwise variation of  inflow is considered 
sufficiently small, and the X-21  flight tests have not indicated 
any  loss of  laminar flow area from this cause alone. 

Low speed  testing is highly recommended because of the   large 
amount of configuration variations which can be  investigated for 
low cost.    Though not always 1007. correct the general  rule can be 
followed that at a given position on the wing surface,  if  the 
nacelle  is added such that no change  in the pressure  there takes 
place under  low speed test conditions,  then the pressure at that 
same point  in a compressible flow will also be the same with or 
without the added protuberance.    This allows changes to the 
fuselage or nacelles or pylons  in a  low speed tunnel which minimize 
the pressure disturbances from these sources, with the good 
expectation that  the same desirable effects will also be realized 
at high Mach number conditions.    As a general rule, it also is 
recommended  that as soon as possible  in the wind tunnel  program 
the wing configuration should be  tested with nacelles, pylons 
and other appurtenances which can conceivably cause an Influence 
on the wing pressure distribution.    For example, the main engine 
nacelles which «re aft-mounted on the fuselage of the X-21 were 
always tested in conjunction with the wings, since it was discovered 
early in the program that these nacelles could cause a pressure 
coefficient change of the order of   .05 to the inboard wing upper 
and lower surface. 

The turbulent wedge regions of the wing are available for sizable 
contour modifications.   These are narrow wedges which stream aft 
on either side of the pylon, nacelle or wing root Intersection 
in which turbulent flow is anticipated in spite of LFC.    No slots 
are cut Into the area.    No advantage of this was taken on the X-21 
program, but It does represent an Important area of freedom for 
consideration    in other designs. 
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7.3      COMTOUR AND LOCATION OF WING MOUNTED NACELLES 

The design objective of the LFC airplane Is that It shall exhibit 
laminar flow over the greatest possible portion of the exposed 
wing area.    It is important that the placement and configuration 
of all nacelles,  fairings or other protuberances which are to be 
attached to the wing should be so shaped and located that a minimum 
of distortion shall be created In the wing pressure distributions. 
Many mutually dependent considerations must be weighed in locating 
the nacelles on the wing.    These Include the diameter of the nacelle, 
the ground clearance,  sonic fatigue problems and a number of others, 
none of which are unique to the LFC airplane.    Some of these 
considerations are, of course, of more Importance to LFC, an example 
being a decision to locate propulsion nacelles on the wing, whereas 
purely from the standpoint of pressure distribution uniformity,  it 
would be preferable to mount them on the fuselage.    Certain of these 
considerations will be elaborated upon in the following paragraphs: 

7.3.1 Maximum Nacelle Diameter 

Obviously the nacelle diameter of wing mounted nacelles 
should be minimized Insofar a« possible. This rule is 
usually followed, of course, from the standpoint of drag 
reduction. However, the large diameter nacelle has a 
profound influence on the pressure distribution. One com- 
pensating change is to extend the length of the pylon 
between the nacelle and the wing, but the ground clearance 
may become a problem. Longitudinally, the maximum diameter 
of the nacelle should be separated by a large distance from 
the maximum thickness of the wing. From the standpoint of 
inlet or compressor noise this may favor moving the maximum 
naclle thickness behind the maximum «ring thickness. 

7.3.2 Length of Pylon Allowable 

As stated it may be desirable to increase the pylon length 
but the distance available may be minimised.by negative 
dihedral of the wing, large nacelle diameter, or Hy short 
landing gear struts. 

7.3.3 Longitudinal Poaition of Maximum Thlcknea» 

The superposition of regions of accelerated flow fron the 
wing maximum thickness and from the pylon-nacelle combination 
should be avoided.   Otherwise, locally reduced pressures in 
this area will result in regions of locally high crossflow, 
and other problems associated with apanwise pressure gradients, 
and can set the pressure rise requirements of the main suction 
compressor. 

- 

■ 
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7.3.4 Pylon Thickness 

If a thin airfoil section is desirable for a pylon supporting 
a nacelle from the lower wing surface, it must be borne in 
mind that if the pumping compressors are in the nacelle, 
all the flow coming from the suction ducts in the wing must 
pass through this pylon. This may result in thickness 
greater than originally intended and may lead to a design 
in which the pylon is discarded in favor of a nacelle flush 
against the surface of the wing. 

7.3.5 Lower Surface Maximum Negative Pressure Coefficients 

The compressor system recommended for a swept wing LFC 
installation consists of a high pressure compressor coupled 
with a low pressure compressor, although for some other 
applications other arrangements may prove optimum. The terms 
"high pressure" and "low pressure" refer to the areas of 
the wing from which the suction air is drawn by each of these 
two compressors. Obviously, the lower surface is served 
by the high pressure compressor since the external pressures 
over the lower surface are always greater in absolute magnitude 
than on the upper surface. This compressor arrangement loses its 
advantages unless the maximum negative pressure coefficient 
which the high pressure compressor must provide remains 
sufficiently below the most negative pressure in the system. 
This imposes on the configuration design a requirement that 
the pressure coefficient on the wing lower surface never be 
greater than a specified value. This requirement is in 
addition to requirements on maximum allowable cross-flow 
Reynolds number and of spanwise pressure uniformity. 

7.0.6 Effects on the Wing Upper Surface 

Two undesirable effects can occur on Che wing upper surfaces 
as a result of the lower surface nacelle-pylon installation. 
First, if the pylon passes above the stagnation Una of the 
wing, a turbulent wedge is created by the intersection 
streaming aft from the leading edge on the upper surface 
of the wing, thus eliminating a large portion of laminar 
area. If the major portion of the volume of the nacelle is 
not kept aft of the maximum thickness point on the wing 
there will likely be an appreciable preasure disturbance on 

' 
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the wing upper surface, particularly near the leading edge. 
Even with the application of these principles in the X-21 
pumping nacelle design,  the pressure coefficient on the wing 
upper, surface at ikl of chord was changed by an order of 0.10 
between nacelle-on and nacelle-off in tests at high speed. 
Other proposed X-21A nacelles having a larger proportion of 
their volume moved closer to the leading edge had a much greater 
disturbing effect on the upper surface pressures.    This was 
true even c£ pylons which had their leading edge at 30% chord on 
the wing lower surface. 

7.3.7 Camber of Nacelle and Pylon 

In the X-21 program cambering the nacelle in the plan view 
was a powerful influence in minimizing local regions of 
distorted flow.    It is found that the proper contours in the 
sides of the pylon or nacelle generally are similar to the 
paths of the otherwise undisturbed potential flow streamlines 
on the wing lower surface.    The ideal procedure would be to 
define a stream tube in the vicinity of the wing having the 
required maximum cross sectional area and to build the pylon 
and nacelle combination •■o conform to the surfaces of this 
stream tube.    Presumably,  a design would evolve which would 
have negligible influence on wing pressure distribution.    This 
should be a design goal; however,   the accelerations of flow 
around the forward portion of the nacelle will influence at 
least the level of the wing pressure. 

7.3.8 Local Airfoil Modification 

It appears probable that the aerodynamicist's most effective 
tool  for minimising the influence of nacelles and pylons on 
the wing pressure is the local modification of the airfoil 
shapes.    One proposed method takes the incremental pressure 
field caused by the nacelle, and by theoretical means designs 
a new airfoil section changed from the origin..!  in auch a way 
as to produce an equal and opposite pressure disturbance. 
This was done on the X-21A in the limited region of the 
inboard forward lower surface adjacent to the pumping nacelle, 
where the nacelle causes an Impediment to the spanwise flow 
along the leading edge.    The wing was thickened slightly for 
about three feet spanwise In this area and as far aft as 15X 
chord.    This served to accelerate the flow and eliminate the 
slight stagnation zone created by the nacelle. 

•' 
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7.3.9    Proximity to Inboard End of LFC Aileron 

If the nacelle  installation  is  laltl   out so that it  is in 
proximity to the  inboard end of an LFC aileron, then it may 
be possible  to design the inboard rib of the aileron to swing 
inside  the pumping nacelle and allow the flow from the aileron 
surface itself to be ducted inboard into the nacelle rather 
than forward across the aileron spar. 

7.3.10 Number of Nacelles per Wing 

To minimize  the area of turbulent wing surface, the minimum 
possible number of nacelles per wing is preferable.    The 
influences of these nacelles can never be completely eliminated 
and if they are such as to create problems incapable of 
solution with the suction system, then it is better to 
concentrate  them in one area of the wing so that each one 
does not cause  Its own reduction in laminar area.    For example, 
installation of  two propulsion engines in a single pod should 
be considered. 

7.3.11 Toe-In and Toe-Out of Nacelles and Pylons 

This alignment parameter does not haveva powerful Influence 
on pressure distribution but toe-in (toe-out) can be used 
to equalize peak pressure coefficients on opposite sides 
of a nacelle. 

7.A    CONTOURING THE FUSELAGE FOR OPTIMIZATION OF THE INBOARD WING 
PRESSURE DISTRIBUTION 

A difficult task for the LFC airplane designer is the determination 
of the proper wing placement and the contouring of the fuselage 
to obtain a favorable pressure distribution in the region of the 
wing root.    The problem is complicated by the necessity for avoidance 
of abrupt surface contours which might lead to shock wave* on the 
fuselage whin flying at tha design flight condition.' Juet-a« In 
the case of wing-mounted nacelles, this problem can more easily 
be solved by making theoretical studies and a considerable amount 
of low speed wind tunnel testing followed by high speed testing 
and repetitions of this cycle. 

m 
 1 ; ___ . ... 
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Consider the case of a wing tested without fuselage.  If the wing 
is tapered and/or any of the element lines are swept, the plane 
of symmetry of the wing imposes the end condition that there be 
no lateral velocity components. This end condition does not exist 
elsewhere along the semi-span wing, and therefore the same chord- 
wise pressure distributions cannot be expected to apply even though 
the airfoil sections are the same. The addition of a fuselage 
further restrains the streamlines. Thus the ideal pressure dis- 
tribution of straight isobars along wing element lines cannot be 
expected In the region of the wing root. 

It appears probable that one type of airplane to which LFC will be 
applied is the cargo transport, a major requirement for which is 
that the cargo bay be uninterrupted through the region of the wing 
carry-through. This, then, suggests that the configuration either 
be high wing or low wing. 

The X-21 is a high wing aircraft and the problems of designing 
the top fuselage fairing for that airplane help to illustrate 
some of the problems that might be encountered on a new design. 
The parallel is not perfect because the existing fuselage of the 
B-66 imposed certain restraints in optimizing the X-21 design. 

It is recommended that a maximum effort be expended in the twisting 
and cambering of the wing near the side of the fuselage, in order 
to retain a uniform pressure distribution in this area. This should 
be done with the wing in as near a final position on the fuselage 
as possible, and with an estimate of the proper fairing. This was 
done in the X-21 design, but it was found that in spite of this 
the pressures over the fuselage were less negative than on the 
adjacent wing sections. It was found that the influence of con- 
touring the fairing in the plan view was very local. The major 
improvement in wing pressures was obtained with a fairing which 
had a small radius of curvature directly over the leading edge of 
the wing in the side view, plus a considerable change in curvature 
over the latter 50% of chord, where the long sloping fairing raised 
the top of the fuselage almost one maximum wing thickness above the 
upper surface. This fairing has a profound effect on wing pressures 
as far as the mid semi-span at Mach 0.8. Figure 7.1 shows the side 
view of this fairing and also shows the original fuselage structural 
top for the original WB66D airplane. Figure 7.2 shows the chordwise 
pressure distributions at a wing station near the fuselage to illus- 
trate the effect of changing fron an earlier fairing to the fairing 
finally adopted. The improvement is easily seen In this Figure. 

_ 
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7.5 CONTOURING THE WING TIPS 

Of paramount Importance to the design of an aircraft employing 
LFC is the attainment of laminar flow over the greatest possible 
surface area.  The wing tip region poses a problem because of the 
difficulty in extending a uniform pressure pattern into the area. 
At the extreme tip the pressures on the upper and lower surfaces 
of a lifting wing tend toward a common level. These changes pose 
problems in the design of internal ducting for the removal of the 
wing tip boundary layer air, and in proper application of the 
boundary layer theory for predicting wing tip suction requirements. 
Compensating features of the wing tip are the low chord Reynolds 
number for which laminar flow must be designed and also the reduced 
leading edge radius, if the wing carries appreciable taper. 

Inspection of the literature dealing specifically with pressure 
distributions over the wing tips shows that curving sweep-back of 
the leading edge, increasing camber and relative thickening of 
the airfoils will straighten the isobars and delay the drop-off 
of local lift coefficient along the span. Low speed wind tunnel 
tests on the X-21 wing verified these principles.  It is found 
that on a swept tapered wing in which the wing tip has merely been 
squared off the isobars tend to sweep forward toward the leading 
edge of the tip chord. The rear pressure rise is initiated much 
further forward on the chord than at wing stations further inboard. 
These two effects are alleviated by the aft curving of the leading 
edge and by a thickening of the rear half of the airfoils in the 
tip region. In the X-21 design, a fairing of the wing tip beginning 
at 95% of semi-span on the leading edge and fairing out at 50%  of 
chord of the theoretical tip chord was adequate to avoid the forward 
sweep of the Isobars which would otherwise have occurred. In addi- 
tion, a tendency at cruise conditions toward separated flow over the 
tip airfoils Initiating at the leading edge was avoided by a local 
Increase in leading edge radius over the outer 10X of semi-span. 



romi ie-7A 
IN.II>««! ENCIMCC* 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

7.09 
CMCCKU KPMTIIO. 

NOR 67-136 
OATI 

June  1967 
MOML 

X-21A 

r 

3 

m—LMmmmmm—mmmm 





**eigs"!*'» 

ENtlHCH 

CMtCKM 
NORTHROP CORPORATION 

NORAIR DIVISION 

8.00 
aCNWT MO. 

NOR 67-136 
DAT! 

June 1967 
MOML 

X-21A 

SECTION 8 

PUMPING SYSTEM 

BY I 

W. A. Monahan, Jr. 

March 1964 

Xaviaad April 1967 

■ 

■ 

• 

/•J 



rOnu  20-7A 

0 

■ ENSINCCR M«                                                            | 

NORTHROP CORPORATION 
NORAIR DIVISION 

8.01                         | 
1 CHECKER REPORT NO.                                                 I 

NOR 67-136           ! 
1 DATE MODEL                                                         1 

1          June 1967 X-21A                                    1 

TABLE OF CONTENTS I 

P«Re No,.                1 

1    8-0 
Pumping System 8.02                         1 

!    8-1 Pumping System Requirements 8.02                         1 
I      8-1'1 Problem Statement 8.02                         1 
f               8.1.2 Compressor Arrangement 8.02                         1 
1               8.1.3 LFC Airflow 8.03                         1 
I               8.1.A Compressor Power Source 8.04                         I 
I               8.1.5 Thrust Specific Fuel Consumption 8.04                         1 
I               8.1.6 Equipment Size and Weight 8.05                         j 
1               8.1.7 Requirement Specification 8.05                         | 
1               8.1.8 Suction Flow Control Valves 8.06                         I 
1               8.1.9 Bleed Air Ducting 8.09                         I 
1               8.1.1Ü Collapsing Pressures 8.11                        I 
1               8.1.11 Noise Control 8.11                        I 
1               8.1.12 F.O.D.  Screens 8.11                        I 
I               8.1.13 Inter-Compressor Duct 8.11                          1 

1           8.2 System Performance Analysis 8.12                         1 

1          8.3 Description of X-21A Pumping System 8.12                         1 
I              8.3.1 Problem Statement 8.12                         i 
I              8.3.2 Compressor Arrangement 8.12                        1 
1              8.3.3 LFC Airflow 8'13                        i 
|              8.3.4 Compressor Power Source 8.14                        i 
|              8.3.5 Thrust Specific Fuel Consumption 8.14                        i 
1              8.3.6 Equipment Size, Weight, and 

Characteristics 8.15                        1 
1              8.3.7 Requirement Specification 8.16                         1 
1              8.3.8 Suction Flow Control Valves 8.16                        1 
1              8.3.9 Bleed Air Ducting 8.23                         1 
1              8.3.10 Collapsing Pressures 8.24                        | 
I              8.3.11 Noise Control 8.24                        1 
1              8.3.12 F.O.D. Screens 8.25                        [ 
I              8.3.13 Inter-Compressor Duct 3.25                       | 

1          8-4 
Description of LFC-LTA System 8.25                        i 

j              8.4.1 Problem Statement 8.26                        1 
1              8.4.2 Compressor Arrangement 8.26                        1 
1              8.4.3 LFC Airflow 8.27                        | 
i              8.4.4 Compressor Power Source 8.27                        1 
I              8.4.5 Thrust Specific Fuel Consumption 8.28                        1 
1             8.4.6 Equipment Size and Weight 8.29                       i 
1             8-4»7 Requirement Specification 8.29                       } 
1             8.4.8 Internal Flow System and Flow 8.29                       1 

Control Valves 1 
1   Tftble I 

Suction Valve Airflow and Design Data      8.30                     1 

1   Figures 8.1 through 8.16 8.31                       1 



■ARM ii.7A 

I 

> 

INCINCtR 

CNCCKCR 

OATl 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

M« 

8.02 
RCMMT HO. 

NOR 67-136 
MOOIL 

X-21A 

8.0 PUMPING SYSTEM 

This section describes: 1) the general equipment and installation 
requirements for a pumping syste-n; 2) the analytical development of 
the recommended system, and a typical performance analysis; 3) a 
description of the practical application of these precepts in the 
X-21A LFC Demonstration Airplane Program; and 4) a description of 
the pumping system in an LFC large logistics transport study. 

8.1 PUMPING SYSTEM REQUIREMENTS 

8.1.1 Problem Statement 

The job of the pumping system is to apply suction to the wing 
in such a manner that air near the surface will be removed and 
ultimately discharged aft at or near free-stream conditions. 
Figure 1.14 shows the pressure coefficients and pressure 
levels that exist on a typical wing during high altitude 
cruise. Note the chordwise pressure profile as well as the 
general difference in levels between the upper and lower 
surfaces. Other wings will have different coefficients, and 
with different flight conditions, different pressure levels 
will exist, but the profiles will have similar shapes. Even 
for a given wing and flight condition, any one curve such as 
this can show profiles at one selected wing station only. 

LFC is primarily a cruise device, and the shaded portion of 
Figure 1.2 shows the flight regimes where LFC will most probably 
be used for subsonic flight. The pumping system may be called 
on to perform anywhere in the flight regime, but for purposes 
of specifying a design point for the suction compressors, the 
high-altitude, low weight, cruise condition should be chosen. 
Maximum corrected flow will occur at this condition. 

8.1.2 Compressor Arrangement 

From Figure 1.14 it is apparent that use of a single suction 
compressor would require that all flow except that fron the 
lowest pressure would need to be throttled to the seme low 
pressure. Dividing the total auction Into a number of levels, 
each serviced by a separate compressor if a more efficient 
solution in terns of suction power required. For reasons of 
relative simplicity, it is generally deeirable to use only two 
suction levels, dividing the total suction air into two quantities, 
arbitrarily called "low pressure** and "high pressure** as shown 
In Figure 5.3. IWo principal schemes for pumping the "low" and 
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"high" pressure levels are shown in Figure 8.1.    Figure 8.1A 
shows the parallel arrangement, wherein each of the compressors 
operates independently and discharges to atmosphere; Figure 8.IB 
is a series system wherein the low pressure quantity is pumped 
up to the pressure level of the high pressure quantity and then 
the entire amount compressed and discharged to atmosphere.    The 
latter system is the one used in the X-21A airplane. 

8.1.3    LFC Airflow 

LFC airflow can be computed from the methods given in Section 2. 
To allow for deviations from the calculated requirements of the 
suction system, a range of airflows and pressure ratios required 
should be specified rather than a single-combination point. 

The adequacy of an engineering proposal to meet airflow and 
pressure ratio requirements should be checked by considerations 
of the fundamentals of compressor design. The map for the 
compressor selected should be examined to assure that the 
operational combinations of airflow and pressure ratio have a 
safe and reasonable stall margin at the high altitude design 
cruise condition, where the corrected weight flows are greatest. 
In Figure 8.2 points of Interest are the "nominal" airflow, point 
"A" on the compressor map, which should be in a region of high 
efficiency for each compressor, and the so-called "minimum- 
minimum" condition, "min-min" refers to the point on each 
compressor map representing the flow and pressure ratio at 
minimum low pressure and minimum high pressure system flows. 
These are "nominal" flows, minus, for example, the recommended 
7%. The "min-min" point on each compressor should hcve as much 
stall margin as is compatible with handling the "nominal" flow 
efficiently. A compressor sized to give about 107. airflow stall 
margin at "nominal" is recommended, at least as a first approxi- 
mation. More airflow stall margin can be had at a fixed pressuw 
ratio by decreasing compressor sis«, while compressor changes 
such as altering blade shape or the number of stages may be 
necessary to place the operating point in the highest possible 
efficiency island. 

With a compressor optimized for a single high corrected flow 
design point, like point "A" on the compressor map, stall may 
occur at low flow rates. Although it should generally be 
unnecessary, if operation at a low LFC flow rate such as point 
"B" on the map is desired, the compressor can be moved out of 
stall by adding enough auxiliary air to the LFC airflow to move 
the operating point to a stall free region. See paragraph 8.3.3 
for a discussion of this auxiliary air feature on the X-21A. 

•.'•■ 



fOUM 20-7A «••men 

CHCCKCR 

♦ OATC 

NORTHROP CORPORATION 
NORAIR DIVISION 

June 1967 

MM 

8.04 
MMMTM. 

NOR 67-136 1 
MOOCL 

X-21A 

Inlets to itost high performance axial flow compressors are carefully 
designed to minimize pressure distortion, but for an LFC suction 
compressor, highly distorted compressor face flow patterns are 
likely to exist.    These patterns,  in terns of regions of constant 
Mach number,  should be estimated and included in the specification 
requirements. 

Research has indicated that noise may have a deleterious 
effect on maintaining laminar flow.    It may be necessary that 
suction compressors be designed to minimize blade passage 
noise.    The possibility exists that this noise will propagate 
upstream through the air ducting   to   disturb the laminar boundary 
layer at the slots.    Special attention should be giv^n to rotor- 
to-stator separation, binde spacing, unequal strut locations, 
and other techniques to minimize noise generation. 

8.1.4 Compressor Power Source 

Two (2) fundamental methods for supplying power to th« compressors 
are shown in Figure 8.3. Appendix C of IAS Paper 61-52 develops 
analytically the relative merits of the two schemes, and it is 
shown that while Class I systems are more efficient, their 
advantage is small and other considerations could decide in 
favoi of Class II. 

Power extraction from the main propulsion engine (Class I system) 
by "bleed and burn" is the method used in the X-21A airplane. 

8.1.5 Thrvtt Specific Fuel Consumption (TSFC) 

Several parameters of compressor-turbine design exert a major 
influence on performance while others have little effect. 
For transports or lot.g-range aircraft, overall TSFC and size 
will be important factors in equipment ••lection.    The required 
pressure ratio of the high pressure compressor has a greater 
effect on TSFC than •ny other cycle parameter.    For a bleed- 
and-burn system other cycle parameters having a major influence 
on TSFC are turbine pressure ratio and compressor nossle 
pressure ratio*    In addition to Its primary function of removing 
air from the boundary layer, the pumping system can make an 
efficient contribution to the total airplane thrust.   Where the 
pumping system power It taken directly from the engine, as In 
Class I of Figure 8*3, the result la to reduce primary Jet velocity, 
thereby laprovlng primary engine propulaion efficiency.   The 
puoping system Jet dlacharge, being at relatively low velocity, 
else should have e high propulsion efficiency.   This points up 
the fact that power sxtracted from the primary engine for pumping 
purposes elao produces thrust efficiently, and the "trede-offs" 
In relative proportions of thrust, with their respective fuel 
consunptions, must be rigorously analysed. 

■ 
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For • long-endurance aircraft,  low TSFC la required with weight 
and alte becoming lets important factors.    To thii end« an exhaust 
heat regenerator may show an endurance gain in spite of its 
additional weight. 

The performance figures for the pumping equipment are integrated 
with those of the propulsion system to arrive at an overall TSFC. 

The take-off thrust augmentation potential of the pumping system 
can be appreciable and hence should not be overlooked.    In general, 
for a bleed and bum system, maximum horsepower available limits 
the thrust potential of the compressor.    Horsepower limitations 
are related to the maximum quantltiea,  temperatures, and pressures 
of the bleed air available, turbine case pressures,  transmission 
horsepower capabilities, and suction duct pressure-differentials. 
Auy modification to a bleed burn system to improve its take-off 
thrust will probably reault in a decrement to its cruise per- 
formance.    Where compressor powsr is derived from a separate 
turboshaft engine, auction compressor system thrust can be a 
significant fraction of the total, perhaps to the extent of 
eliminating a complete engine.    Excess power from the separate 
compressor drive engine can be used as an auxiliary power supply. 

The necessity of design-point optimisation is pointed out in 
Paragraph 8.3.3. 

8.1.6   Equipment Sise and Weight 

A lightweight, compact system is desirable not only for the usual 
reaaons of low airplane weight and ease of Installation, but 
wind tunnel and flight tests have shown that aerodynamic dis- 
turbances of wing; pressure distribution must be minimised. 
Ideally, surface preasura, for any given percent chord, should 
remain the same all along the span.    In this way, lines of 
constant preasura, or isobars, will coincide with straight 
suction slots.    Pylons, nacelles, or other additions to the wing 
will distort the isobar patterns and result in non-unifotm slot 
pressures.    (See more complete discussion of this effect in 
Sections 1 and 7).   This makes the Job of predicting and . 
spplying proper suction more difficult.   Minimising compressor 
and compressor pod else, particularly width, helps reduce 
pressure disturbances and hence lop roves LFC. 

••1.7   leoulrsment SpacHlcatlon 

All of the foregoing consideretions and others of Importance 
can be combined Into a specification typical of those applying 
to turbo«echinery. 
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8.1.8    Suction Flow Control Valv« 

6.1.8.1 General Contl<Ur«tloni. Number Required 

The overall auction rate on the wing surfacea can be raiaed 
or lowered by varying the RPH of the auction conpreaaora. 
However, to vary the suction on certain sectiona of the wings 
independently of other aectiona of the wing, auction control 
valvea are required. The number of valvee required dependa 
upon the type of aircraft and its mission. A demonstration 
aircraft such aa the X-21A hna a need for varying the suction 
independently over many wing "strips", aa well as varying 
the auction on the inboard atripa independently of the out- 
board strips. The X-21A uses a total of 96 auction control 
valves. 

The number of suction control valves required for a production 
long range aircraft would depend on the extent that the auction 
requirement» varied with the minimum and maximum cruise 
altitudes, «nd with the range of airspeeds and angle of 
attacks at these cruise altitudes. Suction control valvea 
would probably be required only for the wing leading edge 
region. Only 12 suction control valves are required for a 
laminar flow control large transport airplane described in 
Section 8.4. 

8.1.8.2 Valve Location 

Location of the suction control valves is mainly a function 
of the location and routing of the suction system and mixing 
chambers. As shown on Figure 8.8, the X-21 valves controlling 
the forward and mid-wing suction are locaUd in the wing in 
bays located between the inboard and outboard fuel tanks. 
The trailing edge valves are located in the suction pod 
itself. Compressor inlet distortion must be considered if 
the valves are located Just upstream of the compreaaors. 
Where velves ere located near the compressors, flow tests 
are recommended to define if suitable compreeaor inlet con- 
ditions exist. Location of the valves muet also be such 
that access to the valves can be provided for eervicing. 
The valves should be given the ssms meinteinebility 
considerations as any functional fuel or Hydraulic component. 

C 
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8.1.8.3    Valve Sizing and Flow Characteristics 

The valve sizes and mixing chamber pressures can be determined 
analytically in the same way that the tributary noszles are 
sized in the suction duct analysis of Section 4.    Because of 
the unusual shape and arrangeoent of valves and mixing chambers, 
it is advisable to make flow tests to determine the pressure 
distribution in the mixing chambers. 

In general,  the valves are sized so that they are about 
70X open for the design suction flow rate,  thereby providing 
additional flow capabilities in the fully open position. 

The choice of butterfly or flapper valves depends on their 
location in the system.    Butterfly valves are very satis- 
factory in upstream applications,  but if valving is used 
near the point where suction air is discharged into  the 
compressors,  flapper valves are desirable.    They can be 
designed both to minimize separation, which can propagate 
disturbances upstream, and to minimize total pressure losses 
at the valve discharge.    Valves should be designed to fully 
close,  if practicable, even though such a degree of modulation 
is far beyond that which will be required fur laminar flow. 
The full-closure ability will be found useful for system 
trouble-shooting. 

To prevent unnecessary loss of energy,  it is recommended 
that the flapper type flow control valves exhaust into a 
mixing chamber, rather than a plenum chamber, so that part 
of the kinetic energy of the valve exit flow can be recovered. 
On the X-21A the valves are shaped like rectangular nozzles, 
discharging in a direction substantially aligned with th« 
flow in the mixing chamber.    The side of the "nozzle" nearest 
the mixing chamber is a movable vane, supplying the valve 
action.    The wall of the nozzle opposite the vane fairs 
smoothly into the wall of the mixing chamber, thereby 
minimising regions of separated flow.    In a production design 
most of the suction ducts would discharge Into the mixing 
chamber through fixed noszles rather than through flow control 
valves. 

Unstable pressure fluctuations caused by flow separation 
or valve "flutter" are potentially dangerous in that these 
fluctuations might propagate upstream through the ducting 
system and slots and disturb or prevent the development of 
laminar boundary layer flow over Che wing.    Flow separation 
on the flapper type valves can be minimised by limiting 
the angle of airflow over the flapper. 
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Unstable flow separation at bands in the ducting and valves 
can be minimized by contracting the flow area through the 
bend and/or by using turning vanes. Valve flutter can be 
minimized by eliminating "free-play" in the valves. 

8.1.8.4 Valve Bodies 

( 

. 

Valve bodies of fiberglass laminates ware used successfully 
on the edd-shaped X-21A valve bodiea with their turns, twists» 
and contractions to meet the flew paths. Mhere upstream 
ductwork can incorporate these directional changes, valve 
bodies can be simpler in design. Velded aluminum valve bodies 
may prove less costly and easier to maintain, or perhaps 
thin-wall castings may prove less expensive and lighter In 
weight especially when dealing with the larger sized valves 
and larger quantities. The materials to be used to fabricate 
the valve bodies are, therefore, largely dependent upon 
system design. 

If fiberglass laminates are used, it la recommended that 
finished valve bodies with all cutouts therein be oven 
post-cured for a period of from 12 to 16 hours at 27S0P 
to cause a relatively rapid dimensional shrinkage by accele- 
rating "polymer growth" and thereby preventing any later 
change in shape when Installed and operated in the aircraft. 
For a production contract it is recommended that sectional 
metal cores of high dimensional stability and capable of 
re-use, be used on which to form the body shapes, instead 
of plaster male cores. The long-range tooling cost will 
sorely be less, and, more important, only negligible 
dimensional variations will exist between parts. 

8.1.8.5 Valve Actuators 

Actuators for the valve can be electric, hydraulic, pneumatic 
or possibly mechanical. The actuator selection depends on 
the many factors such as availability of power, reliability, 
slsa, and cost, that have to be considered in the design of 
sny aircraft system. Small D.C. motors were used for aCf 
tuatoTs on the X-2U. Actuation speed of the valves also 
enters Into the actuator selection. On the X-21 an actuation 
time of from 10 to 30 seconds was specified for the valves 
to go from the closed to the open petition or vice versa. 
This operating time was too slowi a fetter operating time 
In the 3 to 10 second renge is preferable. 

■ M 

-TT 
; - 



..,-^. 

(H(   ll.«J) 

( 

' 

CN«IMH 

CHCCKM 

MTK 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

8.09 

NOR 67-136 

X-21A 

8.1.8.6    Vaive FUPDT Po»ltlon Indicators 

A valve position indication is very useful in adjusting 
suction levels.    Position of the valves may be indicated 
directly through a potentiometer linked to the flapper 
shaft, or an indirect Indication can be used such as flow 
measuring and/or duct pressure measuring instruments. 

8.1,9    Bleed Air Ducting 

For the case of a bleed-burn LFC pumping system,  the configuration 
may necessitate a long bleed-air run between the engine and the 
pumping system.    For Just such a case in the X-21A, unique engine 
bleed curves were developed based on engine specification bleed 
data and calculated bleed line pressure drop characteristics. 
The procedure is as follows: 

1)    From compressible flow analysis and using assumed "k" factors 
for sections of line, a curve of pressure ratio versus cor- 
rected weight flow for the external collector manifold and 
line is made: 

out    in 

Line Inlet Corrected Wt Flow 

Vhcre W  - actual weight flow rate, lb/sec. 

eT  - temperature ratio (TlnUt/TiUndÄrd ^.ph.^) 
where T la absolute temperature. 

6T - Pr«.ture rmtlo (PlnUt/P8tÄndat<1 ati|0tph#rlc) 
where P la absolute pressure. 

The line can be so sited that choking will occur (that la, 
wAct/5J ■ .344, at which value Nn ■ 1.00) at that actual 

weight flow representing the —ri— allowable percentage 
bleed from the engine. Thus the engine la automatically 
protected from over-bleeding. 

, 
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2)    From Engine Model Specification data, engine internal manifold 
losses are plotted: 

P- •  total pressure 

CDP = compressor discharge pressure 

P0^  .90 

CDP 

*-> X Bleed 

3) For the design flight condition (and repeated for other 
flight conditions, if more than one), this is converted 
into actual quantities: 

CDP - 

Bleed 

Press 

~psia 

Engine Internal 
Manifold Loss 

External Collector 
and Line Loss 
 1 »I ■4- -M- 

actual 

corr. 

Bleed Wt Flow -- lb/sec 

6„ *bl««d x Winlet 
100 

/ej 

PT 9 external collector inlet 

14.7 psla 

t    _ TT 9 external col lac tor inlet 
1   -1 «Ti  

( 

A) The pressure loss is then subtracted from engine compressor 
discharge pressure for various RPM settings. A separata 
family of curves is made for «ach design flight condition. 

Bleed 

Press 

~psia 

Bleed Wt Plow — lb/sac 

L_ 
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8.1.10 ColUpslng Pretsures 

Maximum normal, pressure levels for inlet duct collapsing loads 
occur at sea level static operation during system check-out. 
Failure of controls can and does occur, and, if overspeed results, 
high pressure differentials will be reached. In case of a 
double failure, such as both speed control and pressure control, 
damaging differentials can be reached. It is likely that pressure 
sensitive switches will be needed to limit differentials to 
tolerable values. 

8.1.11 Moise Control 

In addition to low noise design of compressors (Paragraph 8.1.3), 
if it is necessary to attenuate noise propagating upstream 
in the ducts, acoustical  liners can be applied to the interior 
surface of each major inlet duct to attenuate high frequency 
noise generated by compressor blade passing intervals.    Liner 
construction may be similar to that used on the X-21A (See 
paragraph 8.3.11) or of another deftign to achieve another desired 
result. 

8.1.12 Poreign Object Damage Screens 

Even with a rigorous program emphasising housekeeping and 
cleanup during construction' it may be impossible to achieve 
complete absence of loose hardware from the wing.    Even with 
some type of in-plant vacuuming, suction compressors may dislodge 
nuts, bolts, rivets, and other hardware äs the wing flexes. 
The solution is the use of F.O.D. screens until the wing becomes 
"cleaned out."   On the X-21A, F.O.D. screens have returned their 
cost many times over in blades, compressors, and man-hours 
saved.   They are judged to be necessary, not merely optional, 
at least until many flights are accomplished. 

8.1.13 Inter-Compressor Duct 

The duct between the two compressors and into which high pressure 
and trailing edge valves may discharge must be specially sited. 
The flow criterion is to present an optimum static pressure as 
LFC flow progressively enters the duct, but by so doing severe 
velocity distortions msy result* 

L 
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8.2 SYSTEM PERFORMANCE ANALYSIS 

As discussed in Section 8.1 the reconmended sources of a major portion 
of the energy for an LFC compressor system are the main propulsion 
engines.    In such a system, operation of the compressors exerts an 
influence on the performance of the main engines, and vice-versa. 
Hence,  the analysis of both systems should be combined.    The techniques 
of reconmended procedure are discussed in connection with the main 
propulsion engines in Section 9.2. 

8.3 DESCRIPTIOM OF X-21A PUMPING SYSTEM 

8.3.1 Problem Statement 

The X-21A has explored a flight envelope extending from sea level 
static to Mach .80 at about 44,000 ft. and attained mean aero- 
dynamic chord Reynolds numbers to 40 million.    See Figure 1.2. 
It was specified that the pumping equipment must provide airflow 
rates, at all LFC flight conditions, of from 85% to 130X of the 
nominal calculated airflow.    These rather wide limits were necessary 
because of the unproven status of the airflow estimates. 

Detailed design of the pumping system installation was to follow 
the general practices commonly used for engine installationst 
the same fuel and oil filtering, mounting,  firewalling,  fire 
soning, and provisions for access were followed as if It were 
a propulsion engine.    This concept led to a practical,  reliable, 
and maintainable installation. 

8.3.2 Compressor Arrangement 

Both the series and parallel compressor systems were studied. 
The parallel system eliminated interaction between compressors 
Inherent in a series system and hence reduced manipulation of 
suction flow control valves, but higher bleed flows were 
required. 

The series system was selected because the components were 
smallest, pod bulk could be minimised, and wing Isobars would 
remain straighter and near the Ideal.    It appeared likely that 
more could be learned about collector duct design and system 
control problems by using a aeries system.   Additionally, T8FC 
and weight ware low*    Finally It was selected becauae It more 
closely resembled the arrangtment which probably would be used 
In an operational airplane. 

■ 
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8.3.3 LFC Airflow 

( 

An example of the compressor airflow and pressure ratio requirements 
for a typical cruise flight is shown in the following table. The 
flight condition is 41,300 feet altitude at Mach .75, made in 1965 
after an enlarged tailpipe had been installed on the GTMC (gas 
turbine motor compressor, high pressure). 

LFC COMPRESSOR AIRFLOW W 
~ lb/sec 

AIMC, air turbine 
motor compressor 
(low pressure) 

GTMC, gas turbine 
motor compressor 
(high pressure) 

1.94 

7.18 

AIRFLOW 
PARAMETER 

W/TT 
6 

21 

64 

PRESSURE 
RATIO 

1.40 

1.93 

The tabulated data are plotted on compressor performance charts 
in Figures 8.4 and 8.5. Flow rates and pressure ratios are some- 
what greater than had been estimated early in the program, due 
primarily to greater suction flow requirements in the nose and 
aft regions of the inboard wing. Because of the greater pressure 
ratio and also because of inlet flow distortions the GTMC often 
had operated near the surge line and had required the use of the 
auxiliary air scoop to avoid the surge line. Installation of a 
larger tailpipe moved the operating point farther from surge, 
making the use of the anti-surge air scoop unnecessary for normal 
operations. As explained in paragraph 8.1.3, the retractable 
auxiliary air scoop had been designed into the original installa- 
tion to permit the addition oi  airflow to avoid compressor stall 
or surge in conditions wherein the flow rate «as too low or the 
pressure ratio too high. The retractable anti-surge Inlet Is 
shown in Figure 8.6. 

- 
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8.3.4 Compressor Power Source 

The moderate air pumping horsepower requirements of the low 
pressure compressor allowed the assumption that it should be 
driven by its own hydraulic or air turbine motor, and hence 
its power source was specified to be integral or geared to 
the common power source.    The large horsepower requirements 
of the high pressure compressor could best be met by a hot- 
gas turbine,  either a complete turbo-shaft engine or a bleed- 
bum turbine.    Either high-pressure power source was acceptable 
from an efficiency standpoint, but the bleed-bum system was 
the one used on the X-21A. 

Take-off thrust augmentation potential of the pumping systam 
was studied for the X-21A for one bleed-and-bum system and 
for two turbo-shaft driven systems.    Figure 8.7 shows the 
results of this analysis. 

8.3.5 Thrust Specific Fuel Consumption 

More importance was placed on functional design and installation 
considerations than on range performance optimisation, hence 
low TSFC was not the primary consideration.    The reasoning 
for this was that the attainment and evaluation of full-chord 
laminar flow and the difference in resulting drag could be 
assessed using a pumping systam of virtually any efficiency 
as long as it had compressors of the proper pressure ratio and 
air flow characteristics; also, the X-21A was not,  in other 
respects, optimised for range performance and hence there was 
little reason to do so In this one area.    Additionally,  the 
program schedule could only be accomplished by utilising 
"off-the-shelf" hardware, and in fact, all proposals received 
utilised adaptations of turbine systems in current production. 

The requirement to operate satisfactorily over a broad range of 
LPG flows and pressures coupled with the use of "off-the-shelf" 
turbines prevented the attainment of highest system efficiencies. 
To see what could be achieved by an optimisation study, a narrow- 
range set of conditions was assigned and all equipment, except 
the propulsion engines, was re-designed for best efficiency at 
that point.   The study showed that a 121 reduction In combined 
propulsion systam and LFC pumping system TSFC could be realised 
by such optimisation. 

C 
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8.3.6   Equipment Size. Wei£ht. and Characteristics 

Manufacturer   AiResearch 
Model Specification      SC-5402 
Model AiBesearch System 386020 

Low Pressure Compressor ATMC 30-4 
High Pressure Compressor GTMC 75-5 

ATMC 30-4      GTMC 75-5 

Compressor Diameter  13.3 in. 22.2 in. 
Compressor Stages        2 3 
Compressor Blades/Stage     15,19 23,27,28 
Compressor RPM (at 100% Speed)   15,957 8,750 
Compressor Dis. Nozzle Area 67.4 in 153 in 
Turbine-to-Compressor Gear Ratio ....    3.76 4.80 
Turbine Type Axial Inflow Radial Inflow 
Turbine Basic Parts From CSDS100-8 GTCP85-104 
Turbine Stages        1 1 
Turbine RPM (at 100% Speed)   60,000 42,000 
Turbine Dis. Nozzle Area 12.56 in3 26.5 ina 

Length, Overall 36.84 in. 47.50 in. 
Length, Tailpipe(s)       none 27.50 in. 
Fuel Specification     none JP-4 
Oil Specification MIL-L-7808 same 
Weight, Units Only 165 lbs 540 lbs 
Weight, Valves and Regulators 8.7 lbs 20.1 lbs 

Installed Performance 

Comp. Airflow, Actual 
lbs/sec      Corr. 

Turbine Airflow, Each 
lbs/sec       Total 

Türbin« Airflow, Each 
Fuel Flow, lbs/sec 
Thrust, lbs (gross) 

Sea Level Static 
(All Valves Open) 

L.P. H.P. 

r45,000 Ft.,  .8 M0"l 
"Final" Flowj 

1.13 4.80 
5.93 

345 915 
none 233 

9 BIS 

.318 .86 
1.178 

24? 
none 
4. 

968 
48.4 

109.4 

*As explained In paragraph 8.3.3, and shown in Figuras 8.4 and 8.5, 
typical auction flow rates uaad in the flight test program war« 
somewhat greater than the original design values listed hers, but 
wall within the capabilities of the pumping units selected. 

TTTT • 
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8.3.7 Requirement Specification 

The requirements were found to be achievable by a number of 
different combinations of compressors,  control methods, and 
power sources.    A design competition among suppliers was used 
to find the optimum combination of equipment. 

In the proposal analysis, more importance was assigned to 
functional desier. and installation considerations than to 
performance optimization.    The bleed-bum system was selected 
because of its small size,  light weight,  ease of installation, 
and excellent efficiency in cruise.    Even including the weight 
of ducts,  flexible joints, connections,  insulations, etc.,  the 
bleed-and-bum system was lightest.    The rather substantial 
amount of compressor bleed air required from the propulsion 
engine was less than half of that which was allowed by the engine 
specification. 

8.3.8 Suction Flow Control Valves 

8.3.8.1   General Description 

The X-2JA was to explore tha full range of LFC from 15% 
under-suction,  through 100X design suction,  to 301 over- 
suction,  each with wide variations in flow from adjacent 
wing ducts.    The flow rates in individual ducts were controlled 
by flow control valves.    The design, procurement, and use of 
these valves are covered in this section. 

Figure 8.8 shows how suction air flows out of wing ducts 
through a collector system of ducts and valves, and then 
into the compressors.    The assemblies of valves and ducting 
are largely contained within the wing between the front 
and rear spars as shown in the mock-up photograph, Figure 
8.9.    Because of integral fuel tankage in the rest of the 
adjacent wing the valve and duct area is referred to as the 
wing "dry bay."    Photographs of the low pressure and high 
pressure "dry bay" valves and the trailing edge valves a*« 
shown in Figures 8.10, 8.11 and 8.12. 

&• 
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8.3.8.2 Sizing anrt Analysis of Flow Control Valvea 

The sizing o£ the valves follows standard analysis techniques 
and is a function of the flow rate through the valve, the 
upstream pressure, and the downstream or mixing chamber 
pressures. The valve sizes and mixing chamber pressures 
can be determined in the same way that the tributary duct 
nozzles were sized. See Sections A and 5 for this analysis. 
Table I shows for each valve the section of wing surface that 
the valve controls, the suction flow rate, and the pressure 
upstream of the valve. The flight condition tabulated is for 
40,000 feet altitude and a speed of M = 0.7. 

The flow control valves were designed to be about 70X open 
at the 100% design flow rate, thereby providing additional 
flow capacity when the valve is fully open. 

To prevent unnecessary loss of energy the flow control valves 
were designed to exhaust into a mixing chamber, rather than a 
plenum chamber. The valves were shaped like rectangular 
nozzles, discharging in a direction aligned with the flow in 
the mixing chamber. The side of the "nozzle" nearest the 
mixing chamber is a movable vane. The wall of the nozzle 
opposite the vane fairs into the wall of the mixing chamber, 
thereby minimizing regions of separated flow. 

8.3.8.3 Valve Bodies 

Valve bodies were made of structural glass cloth laminate 
because it could be molded or shaped into the unique designs 
required with a minimum amount of tooling. Standardization 
of body shapes was not possible because of the individual 
requirements each valve had to meet in shape, sizing, actuator 
and motor location, space limitations, and special mounting 
features. 

To meet various structural and stiffnass requirements, low 
pressure valve bodies have .088 inch thick walls and .156 
inch thick mounting flange« and vena guardc. High pressure 
valve bodies have .080 inch walls except in outlet areas 
and flanges where walls are thickened to .130 inch for 
stiffness. Trailing edge valve bodies have .230 inch fluted 
core fiberglass with mounting flanges .187 inch thick. 

( 
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. 



CHCCKtt 
NORTHROP CORPORATION 

NORAIR DIVISION 
8.18 

MMRT NO. 

NOR 67-136 
MTI 

June 1967 X-21A 

Some of the valve bodies and ductwork Incorporate sound 
absorbing material to absorb forward-propagating compressor 
noise. (See Section 11 for Acoustic Criteria.) A cavity in 
the valve body contains Johns Mansville Microbar sound 
absorbing material, .50 inch thick. A 1-mil Mylar sheet 
was installed loose against the outside (dark side) of the 
Micro-bar material to prevent fluid or moisture from being 
absorbed by the material. These were covered and retained 
in place by an .040 inch thick metal retainer sheet, per- 
forated SIX open with staggered holes, and riveted in place. 
(Sound-absorbing walls were incorporated into several LFC 
airflow collector ducts, the mixing duct chamber forward of 
the high-pressure compressor unit, and the inlet elbow forward 
of the low-pressure compressor unit. See other parts of this 
section and section 11.) 

The outlet of a butterfly valve is structurally stable, but 
the flapper-type valve outlet is inherently unstable because 
it has only 3 fixed walls, the flapper making the fourth 
side. Such outlets were stabilised by attachment of the 
adjacent valve and by increasing the corner wall thickness. 

Butterfly vanes were foim-filled fiberglass with an imbedded 
metal torque plate retaining a serrated hub tube near the 
vane is C.G. For the flapper vanes, all thickness taper was 
on the outside wall. Some vanes were aluminum and some were 
foam-filled fiberglass. 

Because flapper body outlets would spread apart during the 
cutout and trimming operation, generous tolerances were 
allowed on width dimensions. Vane width, individually fit 
for each valve, would control gaps. The outlet was not 
stabilised by means of a bar or stiffener because the 
stiffener might cause an airflow disturbance which could 
travel upstream and because of vane-to-stiffener inter- 
ferences. 

To further minimise possible LFC airflow disturbances, aft 
vertical walls of traiiing edge valves were tapered, and 
wherever the valve bodies were pierced to allow shafting, 
linkages, or pins to actuate the closing vanes* the cutout 
was sealed. 
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There were no failures to any of the bodies or flanges. 
This? Is believed to be due to the use of extra-thick and 
over-strong wall and flanges. While such a design philosophy 
may not be "sophisticated," the difficulty of valve replace- 
ment dictated this approach in the X.-21A program with its 
many valves. Flange installation with Loctite on bolts 
has worked out well. While disassembly is more difficult 
with Loctite applied, vibration has not loosened any screws 
or bolts treated in this manner. 

8.3.8.4 Valve Operating Time 

An operating time of 10 to 30 seconds under normal design 
conditions (2.5 psl bursting to 1.0 psi collapsing) and up 
to 50 seconds under maximum adverse conditions (3.5 psi 
bursting to 2.0 psi collapsing)was established. The duration 
selected is a compromise between too fast an action which 
would make the setting of valve positions difficult and too 
slow an action which would consume too much time for 
adjustment considering the numerous valves. 

Flight testing'has shown that the control valves located 
within the wing became sluggish in operation after flying 
for one or two hours at high altitudes. The trailing edge 
valves located in the compressor pod are in a warmer en- 
vironment and their operating time has been satisfactory. 
The cause of the sluggish operation under cold temperature 
conditions was found to bet excessive grease in the gearbox, 
hardening of the grease in some of the bearings, binding 
between the flapper.and the valve body at the flapper hinge. 
In some instances there was binding between the flapper and 
the body along the flapper length. 

If the fiberglass valve body has not been adequately post- 
cured, it shrinks over a long period (up to 4 months) from 
"polymer growth}" that is, the molecular chains continue 
to get longer and longer by absorption of adjacent atoms. 
These absorptions reduced the volume occupied by the 
material. Only after this stage is reached will the materialIs 
normal coefficient of linear thermal expansion take over and 
control a dimensional change during a tmaperature change. 
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This phenomenon was not given adequate consideration during 
gapping of the closing vanes to the valve wallst    One set of 
trailing edge valves was checked and 80% of them showed the 
original gaps had almost fully closed.    To  lessen possible 
friction between flapper and side walls»   the walls were 
sprayed with a solid film lubricant« 

8.3.8.5   Valve Leakage 

Leakage was minimized at valve sldewalls and hinge to minimise 
flow disturbances that could disturb laminar flow.    Leakage 
flow requirements were originally based on relative cross- 
sectional area;  the greater the main flow,  the greater the 
leakage flow that could be tolerated.    Because some tall, 
narrow valves of high perimeter-to-area ratio could not meet 
the requirements,   the leakage flow requirement was changed 
and based on the more realistic relative perimeter, since 
it is the perimeter that leaks, not the area.    Finally 
leakage measurement was simplified to a dimensional check of 
the vane-to-body Clearance when closed, as given in the 
table below: 

Flapper or Butterfly Width             Vane-to-body-gap 
(Nominal^ 

5.50 Inches or less                           .005 to .012 inch 
6.00 Inches or above                         .009 to  .020 inch 

In addition,  the gap between the vane and body was held to 
the same minimums in the hinge area.    This close-fitting gap 
functions as a single-labyrinth seal across the entire width 
of the valve flapper;  the use of edge grooves to create a 
multi-labyrinth seal was considered but discarded as unnecessary. 
To achieve these vane-to-body gaps vanes were widened with 
eppxy applied to the edges and sanded to fit, or washer-like 
shims were used to spread the body.    Vanes were retained on 
hinge pins by serrations or by pins driven 90° to the hinga 
pins. 

8.3.8.6   Valve Actuator and Motor Mechanism 

c 

Explosion-proof actuators ware required since valves were 
located adjacent to fuel lines and tanks.    Actuators required 
a brake of sufficient torque to insure fast coast-down to 
prevent overtravel past a selected vane position. 
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Because of the various angles of vane closure, size of 
flappers, torque required, time to operate, types of drives, 
and special mounting requirements, 42 versions of actuator 
mechanisms were required. Three or four stages of planetary 
gearing give speed reductions of 303 to 1 and 2,560 to 1, and 
together with worm dtives or screw jack drives effect overall 
reductions up to 166,500 to 1. See Figure 8.13a for a cross- 
section view of a representative four stage gear reduction 
mechanism and worm drive segment; see Figure 8.13b for a typical 
butterfly valve and its drive mechanism; and see Figure 
8.13c for a typical "double" valve and its driven mechanism. 

Ten motor versions were required to satisfy the requirements 
of the various valves. The motors turn at about 15000 RPM 
and operate on 28 Volt DC. Each motor assembly consists of 
an integral assembly of motor, current and thermal protector, 
and radio noise filter. 

External microswitches at both position extremes interrupt 
the power and stop the motor on some of the valves. On 
other valves the actuator housing encases an open and closed 
signal microswitch arrangement. When the vane reaches full 
travel and the motor lugs down, torque increases; the torque 
build-up in the gear mechanism moves a ring gear w'Uch in 
turn moves a bar rack to actuate the microswitch, shuttlng- 
off the motor. When power is removed or when power is 
reversed, the bar rack Is centered by means of shinmed springs 
on each end of the rack and the motor is then ready to 
accept another electrical signal. 

The worm wheel segment in the rotary drive has a set of screw 
stops which will stop the actuator and prevent flapper damage 
in case of faulty microswitch action. Two additional shut-off 
safeguards are provided by a protector sensitive to both 
current and heatt if the motor stall currant exceeds the current 
setting of the protector the power is interrupted by circuit- 
breaker action; and if both the microswitch and current- 
limiter fail, the stalled motor heats up the thermal portion 
of the protector which opens and interrupts the power. 

•- 
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8.3.8.7 Valve Flapper Position Potentiometer 

A two watt, 500 ohm, continuous wound, potentiometer was 
installed on each valve to indicate the vane's position 
to the flight test engineer. Potentiometer location was 
largely dependent on available space and thus differed 
among the various valves. Rotation is continuous without 
stops and the variable portion occupies 355°. The narrow 
5° null angle requires careful rotational positioning at 
installation. 

8.3.8.8 qualification Testing of Valves 

Of the 96 valves total on the X-21A, there were 48 different 
designs as far as size, actuator type, motor size, etc. 
To test 48 separate valves was not considered economically 
feasible. Four valves were chosen as being representative 
of the different designs and subjected to various environmental 
and performance tests. Military specifications were used 
as a basis for specifying the environmental tests to be 
conducted. 

8.3.8.9 Valve Procurement Specification 

The remaining minor requirements for design, construction, 
and test are similar to those of other aircraft airflow 
systems parts. It was convenient, therefore, to follow 
the MIL-Spec format for that type of component in the 
specific Design Specification for these valves, including 
therein those requirements unique to a suction flow control 
valve as discussed above «nd the usual minor requirements 

8.3.8.10 Valve and Ducting Mock-Up 

The complex design and installation of valves and related 
ductwork was Simulated by a mock-up. Figure 8.9 shows the 
low pressure valves and ductwork (that draw from the wing 
upper forward surface) in the left hand half of the picture 
and the high pressure valves «nd ductwork (that draw from 
the wing lower forward surface) in the right hand half of 
the picture. The mock-up proved very beneficial for 
engineering, tooling, manufacturing, compressor vendor» and 
valve vendor coordination. 

! 
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8.3.8.11 Valve Installation Techniques 

Since the "dry bay" (no fuel)  is made no larger than necessary 
(see Section 9.1.1.2), there is little unused room to assist 
in installation and subsequent service of the valves.    Valves 
and ductwork were first fit in the airplane and attached to 
one another with temporary fasteners;  thus the airplane itself 
was used as the master jig for locating attachments.    The 
Individual parts were removed and holes, fastening devices, 
secondary bonds and fiberglass bracketry, wiring and instru- 
mentation, and other necessary work that could not be done in 
the airplane due to space limitations were completed.    As a 
consequence, several bench assemblies of several valves each 
were made and these clusters are installed in a predetermined 
sequence.    (A full-scale mock-up proved invaluable in working 
out these techniques.)    To expedite assembly, floating nut 
plates were used as generously as possible.    To protect against 
F.O.D.  to the compressors, self-locking fasteners were used on 
valve flanges and related ductwork, and all  screws and bolts 
were installed with wet Loctite, Grade B (yellow), applied to 
the threads. 

It is difficult to maintain or service the valves in the X-21A. 
In the design, ease of maintenance was subordinated to functional 
requirements, and consequently it Is necessary to remove secon- 
dary structure and equipment to reach a malfunctioning valve. 

8.3.9   Bleed Air Ductlne 

The bleed duct is sized to handle flow requirements up to and 
including the maximum allowable from the engine.    Beyond the maximum 
allowable engine flow, the duct will choke, thus preventing over- 
bleed of the engine.    The design procedures used were the same as 
described in paragraph 8.1.9.    Figure 8.14 is the developed pressure 
curva and Figure 8.15 is the schematic diagram of the bleed duct 
system. 

A connection is provided for supplying air to the system from ground, 
equipment, such as an MA-1 compressor, for system checks.    Ducting 
connections are made by means of quick disconnect clamps.    In the 
wing, where leakage must be minimised and the Installation is more 
or lese permanent, connections use e metal gasket that deforms under 
clamp pressure to provide essentially «ero Leakage.    Elsewhere, a 
gasket-less connection la used.    This style allows frequent removals 
without gasket replecement costs.   Insulation Is applied to reduce 
heat loss to less than 5(f F. 

■ 
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8.3.10 CollpasinR Preggureg 

The maximum differential collapsing pressures that the inlet 
ducts are subjected to under normal 100X operation are -6.0 psi 
for the low pressure duct and -3.55 psi for the high pressure 
duct for the combination of modulating valve settings causing 
the highest pressure differential.    Should the controls of one 
unit fail (pressure regulator goes wide open and speed governor 
goes to  110%,  just below the emergency overspeed cut-off) but 
the other operates normally,  even higher differentials can 
exist:     -8.25 psi is reached in the low pressure duct with L.P. 
turbine control failure;  and -4.8 psi is reached in the high 
pressure duct with H.P.  turbine control  failure.    It may be 
argued that these combinations of double failures need not be 
designed for; however,  the consequences of not doing so are so 
serious that they must be considered. 

Pressure differentials of several psi could be handled by the 
relatively circular fiberglass inlet ducts, but could not be 
handled by the flat diagonal spars in the wing trailing edge. 
Normally, with all valves moderately open, a uniform negative 
pressure would exist in all ducts;  this wing-skin collapsing 
pressure could be safely sustained.    However,  if a modulating 
valve controlling one duct is closed,  the full pressure difference 
exists across the flat diagonal spar.    Strengthening to withstand 
such load was intolerably heavy so a differential pressure sensing 
switch was installed in each inlet duct.    Its setting is Just 
below the pressure level where safe structure loads are exceeded 
and is -3.0 + .15psi; when the pressure is reached,  the unit is 
shut-off.    These switches were never actuated during the X-21A 
program because malfunctions of the pumping controls or off-design 
value settings causing the overpressure in the ducts did not occur. 

8.3.11 Noise Control 

( 

Noise output of the compressors was specified to be no more 
than 106 decibels measured five (5) feet in front of the 
compressors. 

In addition to noise attenuation of some valves discussed in 
paragraph 8.3.6*2 the inlet ducts were also treat-3 to reduce 
noise.    Acoustical liners were applied to the interior surface of 
duct.    Liner construction consists of a .30 inch thick acoustical 
batt covered with an .001 inch thick Mylar sheet. In turn covered 
with perforated sluminua alloy sheet of SIX open area.    The 
liner is designed to attenuate the high frequency noise generated 
by compressor blade passing Intervals. 
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8.3.12 Foreign Object Damage Screens 

To prevent F.O.D. , screens of .25 mesh x .025 wive were installed 
in front of each compressor. Screens were formed into a dome- 
shape and, to allow for material displacement during forming, a 
mesh without joint connections was used. Damage to the blades 
has been confined to the first rotor leading edge, to the first 
stator leading edge to a lesser degree, and to a small degree to 
the second rotor. All damage has been burnished out within 
specified maintenance limits and no blades have been replaced. 
The F.O.D. screens have returned their cost many times over in 
blades, compressors, and man-hours saved. 

8.3.13 Inter-Compressor Duct 

The inter-compressor duct acts also as a flow mixing chamber for 
the trailing edge valves. As can be seen in Figure 8.8, the duct 
has a "coke-bottle" shape with the flow area contracting in the 
vicinity of the exits for the trailing edge valves. This duct 
shape was incorporated to lower the static pressure (by increasing 
the flow velocity), in the mixing duct so reverse flow would not 
occur in the trailing edge duct leading to the lowest surface 
pressure area. The design of the inter-compressor duct and trail- 
ing edge valves was such that the static pressures were approxi- 
mately equal along the duct. The total pressures, however, had 
large variations at the outlet of each valve. These variations 
in total pressure, coupled with the short mixing length (about l*f 
diameters) ahead of the compressor, resulted in large velocity 
variations at the compressor inlet. Tests were conducted at the 
suction compressor supplier's facility with these large velocity 
variations with no adverse effect on the compressors. 

8.4 DESCRIPTION OF LAMINAR FLOW CONTROL-URGE TRANSPORT AIRPLANE (LFC-LTA) 

A design study was conducted for applying laminar flow control to an exist- 
ing large transport airplane. The C-lAl was chosen as a model for this 
study. The study considered the problem of incorporating LFC a« a major 
change to an in-production turbulent flow airplane. The resulting modified 
airplane design is illustrated in Figure 8.16. 

( 
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8.4.1    Problem Statement 

The flight regime for the LFC-LTA during which LFC is required 
is tabulated below. •     • 

O 

Flight Condition Mach Ho. 
M 

Altitude 
h 

Lift 
Coefficient C, 

Design 

Off-Design 

0.767 

0.77 
0.72 

40,000 

40,000 
35,000 

0.38 

0.24 
0.46 

All of the wing surface is to be laminarized except wing tips, 
upper wing over the fuselage, and the turbulent wedges that 
exist at pod-to-wing and wing-to-body intersections. 

8.4.2    Compressor Arrangement 

Ani analysis compared one,  two, and three level suction systems; 
i.e., one, two or three compressors in series.    Several suction 
levels minimise required throttling of air and its attendant 
wastefulness of energy.    The analysis shows that the two-level 
system is quite superior to the single-level system, and that 
the three-level system offers an additional, but small, gain In 
efficiency.    Considering the added complexity of a three-level 
system, it was ruled out as not worth its cost.    This is 
particularly true when the low pressure compression of the two- 
level system can be accomplished in one stage. 

The low pressure regime starts at IX chord and extends to 77% 
as compared to 671 on the X-21.    This difference arises for 
three reasons; (1) the difference in pressure distribution 
arising from a higher design lift coefficient from the LFC-LTA, 
(2) the reduction in leading edge suction arising from reduced 
sweep, (3) the relatively higher efficiency of the low pressure 
turbine, whose power Is derived from the bleed-burn system, 
allows the split to be located In Its optimum position» wherees 
the lower efficiency of the X-21A turbine which derived its power 
directly from bleed air, demanded flow be held to as little at 
practical. 

", 
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8.4.3    LFC Airflow 

Methods of designing for optimum suction distribution are 
described in Sections 1 and 2.    Basic suction distribution 
is modified by:  1) increasing the suction rate in the low-suction 
region of the lower inboard portion of the wing to counteract the 
effects of noise from the fuselage turbulent boundary layer; 
and 2) increasing suction in all other low suction regions to 
provide adequate capability for off-design flight conditions. 
Suction slots have spacings of approximately 1.5 inches in the 
wing forward region,  4.0 inches in the intermediate region,  and 
3.0 inches in the aft region.    Such chordwise slot spacing remains 
nearly constant when going outboard (in spite of wing taper) 
by dropping out some 65% of the slots in an irregular pattern 
from root toward tip.    Slot widths are .004",  .009" and 0.006" 
in forward, intermediate, and aft regions respectively. 

The flow ratts for the design and off-design conditions arc 
shown in the table below for one (of four) pumping unit. 

Design      Low Pressure High Pressure 
Condition  Act. Corr. Press. 

Flow Flow  Ratio 
Act. 
Flow 

Corr.   Press. 
Flow    Ratio 

Basic Design 3.41 9.16 

Basic Design 
plus Noise  3.41 9.82 

Basic Design 3.57 27.2      1.33 
plus Noise 
plus Off-        LBS/ LBS/      P2/P1 

Design 
SBC. SEC. 

CORR. 

10.18 

LBS/ 
SEC. 

59.1 

LBS/ 
SBC. 
CORR. 

2.0 

VP3 

8.4.4   Compressor Power Source 

As discussed in Section 8.1.4 a thermodynamically optli 
pumping system should extract its energy from the main 
propulsion system.   This is because the propulsive efficiency, 
lip • 2/(14V /V ), of the pumping system is higher than that 

of the engine system, where Vt is the exhaust velocity of the 
pumping system at ambient pressure, and V0 is the flight speed. 

4' 
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Power may be efficiently extracted from the primary system 
in at least three ways:  (1) by direct power take-off through 
existing or added accessory drive pads; (2) by adding an 
additional turbine stage to supply a large power take-off 
capability; or (3) by bleeding air from the compressor and 
mechanical power (bleed-burn system). All three methods are 
thermodynamically identical provided component efficiencies 
are the same. The first method is not possible since power 
requirements of the suction system greatly exceed power 
extraction limits of the engine pads and engine redesign is 
impractical.  The second method offers minimum installation 
flexibility but requires so large a development program that 
it also is deemed impractical. The bleed-bum system offers 
maximum installation flexibility and its development can be 
independent. There was some feeling that the SFC penalty for 
the amount of bleed required was so great that component 
rematch in the basic engine cycle would be desirable and 
necessary. However, no rematch was required or desirable for 
bleed rates within specification allowances since component 
efficiencies are flat up to the bleed limit.  In fact, the 
bleed limit is specified by the engine manufacturer at the 
value where component efficiencies begin to diminish. 

8.A.5 Thrust Specific Fuel Consumption 

Performance of the pumping system has been integrated with the 
propulsion system to arrive at an overall TSFC. However, the 
TSFC of the propulsion engines is approximately seven (7).times 
more influential on overall TSFC than is TSFC of the pumping 
equipment. Therefore, the first consideration, even above that 
of pumping system proposal comparison, is to choose one or more 
propulsion engines of low SFC, at appropriate cruise power 
settings, from which a choice can be made. Then, Integrate the 
pumping systems for an overall TSFC. It is Important that 
pumping equipment be designed specifically for the Job, especially 
turbines; it was indicated in Section 8.3.5 that a 121 saving in 
TSFC could be obtained by optimization of the X-21A system. 

.:■ 



iH.11.«S) CHCINCC« 

CNCCKCR 

NORTHROP CORPORATION 
NORAIR DIVISION 

M«f 

8.29 
WMAT MO. 

NOR 67-136 
OATl MOOCL 

June 1967 X-21A 

3 

8.4.6 Equipment Size and Weight 
and 
8.4.7 Requirement Specification 

IWo suction system pumping units of equal capacity are mounted 
on each wing. The criterion of location is that each unit shall 
handle the same amount of flow. Since suction flow coefficients 
are similar inboard and outboard, equal flow will occur when 
approximately equal surface areas are pumped. The inboard unit 
is nested between and slightly above the engines on the lower 
wing surface at 28 percent semispan, and the outboard suction 
pod is at 66 percent of semispan. The locations can be varied 
somewhat to meet ocher considerations since location is not 
sensitive for small changes (see Section 7 for further discussion 
of the effect of pod location on wing pressure fields). 

Norair has been supported in the design and in the analysis of the 
pumping system by AiResearch Manufacturing Division of Arizona, a 
Division of the Garrett Corporation, a wholly owned subsidiary of 
Signal Oil and Gas Company. AiResearch has proposed a design for 
a two-level system which is comprised of a two-stage low pressure 
compressor with variable inlet guide vanes^ for flow control, 
exhausting into a three-stage high pressure compressor. Both 
units are driven through an appropriate shafting and gear box 
arrangement by a three-stage axial flow turbine with an annular 
combustor utilizing high pressure bleed air from the propulsion 
engines. High component efficiencies were possible because the 
unit is designed for a narrow range of operation. Bleed flow 
requirements are about 2.77, of engine primary flow, about one-half 
the engine limit. See Figure 8.17 for a view of the proposed unit. 

8.4.8 Internal Flow System and Flow Control Valves 

The internal flow system follows the recommended practice of 
discharging air from the various wing ducts into mixing chambers 
to conserve energy. Relatively few suction valves are needed, 
12 per airplane comparad with 96 for the X-21A. Valves era 
required only for the wing nose region in order to vary the 
suction In this region for off-design conditions. Valves are 
not required for the other ducts sine« the off-design suction 
requirements for the rest of the wing do not change excessively 
from the design condltlnn. These changes can be handled by 
varying the overall wing suction level by suction compressor 
RIM change. 
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Valve No. Suction 
Surface 

Press- 
ure 

Flow 
«/sec Wing Type 

Fl ow Area FUnper       I 

L.H. R.H. Location 
(% Chord) 

psfa (act) Sect r Valve T 2 
In W x D L W      i 

-1 -2 1.0 toi.  75U 323 .07 Lnbid Fl. 4.6 2.0 x 2.3 6.0 2.0        1 
-3 -4 1.0 toi.  75U 272 .07 Dutb < Fl. 5.0 2.0 x 2.5 6.0 2.0        1 
-5 -6 1.75to 7.7 U 211 .16 lnbid But. 4.5 3.0 x 1.5 7.5 3.0        I 
-7 -8 l.75to 7.7 U 217 .14 Dutb c But. 5.6 3.7 x 1.5 7.5 3.7        1 
-9 -10 7.7 to  15.OU 248 .06 lnbid Fl. 2.8 2.0 x 1.4 5.0 2.0        1 
-11 -12 7.7 to 15.OU 248 .08 Dutbi« Fl. 4.6 2.0 x 2.3 6.0 2.0        1 
-13 -14 15 to 25.4U 262 5! .11 Inb'ci Fl. 2.6 2.0 x 1.3 6.0 2.0        1 
-15 -16 15 to 25.4U 260 ^ .11 Dutb ( Fl. 6.2 2.0 x 3.1 9.0 2.0        1 
-17 -18 25.4to34.4U 267 > .08 lnbid Fl. 2.7 1.5 x 1.8 6.0 1.5        I 
-19 -20 25.4to34.4U 

U = Upper 
268^ .08 Dutb c Fl.(D) 3.6 

3.9 
2.0 x 1.8 
2.3 x 1.9 

4.0   a 
4.0  % 

2.0        1 
2.0    S 1 

1    « Surface u 
c •C  1 u 1 

1   > -21 -22 34.4 to43.1U 276 2 .06 Inb'd Fl.(D) 0.7 6.6 x 1.8 4.0   * 0.6   5 

1   * L - Lower S 1.0 1.0 x 1.0 0) 4.0  jd 1.0     . 1 
1  > Surface 3 

•6 
c 

"1 1   * 1   u •23 -24 34.4to43.1U 279 « .07 Dutb'c Fl.(D) 2.8 1.2 x 2.3 3.5   S 1.2   3 
1   « M 

01 2.9 2.2.x 1.3 
1-t 

3.0  * 2.2    * 
1   *> 
i   w -25 -26 43.1to51.6U 273 o .10 lnbid Fl. 4.0 2.0 x 2.0 

a 

7.5   ä 2.0    « 
1   ^ 
1  ** -27 -28 43.1to51.6U 276 u .16 DutbidFl. 14.5 5.0 x 2.9 8.0   a 5.0    al 
1   > -29 -30 51.6to60.0U 288 | 

294* 
.11 Inbidtl. 4.8 2.0 x 2.4 8.5   * 2.0    * 1 

1  ^ -31 -32 51.6to60.0U .18 DutbidFl.(D| 9.0 5.0 x 1.8 II 5.8  * 5-0   Tl o 
«3 8.0 5.0 x 1.6 o 5.0   ' 5.0    "   I 

-33 -34 60.0to67.0U 299 « 
301 w 

.10 lnbid put. 3 4.2 3.8 x 1.1 5.9  J 3.8   * 1 
-35 J -36 1 60.0to67.0U .28 DutbidBut. ä 12.2 6.8 x 1.8 6.5 0.8        1 
-37 -38 | 0 to 1.0 U 337 .02   1 Inbidtl.   ä 1.3 2.1 x 0.6 4.2 2.1       1 
-39 -40 0 to 1.0 U 357 .02 DutbidFl.    II 1.9 2.1 x 0.9 5.3 2.1        1 
-41 -42 0 to 1.0 L 399 .03 lnbid tl.    J 1.9 2.1 x 0.9 5.3 2.1        1 
-43 -44 0 to 1.0 L 396 .03 DutbidFl.   J 1.9 2.1 x 0.9 5.3 2.1        i 
-45 -46 1.0 to 5.0L 381 .09   1 Lnbid But. J 4.1 4.5 x 0.9 4.5 4.5        I 
-47 •48 1.0 to 5.0L 387 .09 Dutbi«ut. m 4.1 4.5 x 0.9 • 4.5 4.5        1 

1      v 
1    > -49 -50 5.0 to 8.5L 345 .06 Inbidtl.    | 5.0   . 4.5 x 1.1 ■8 

5 
4.9 4.5        1 

1 5 -51 -52 5.0 to 8.5L 356 .07    | Dutbi (fl.   A 6.3     j 4.5 x 1.4 6.3 4.5        1 
1 
1           Ml -53 -54 8.5tol5.0 L 345 .10   1 InbldFl.   n 5.0 4.5 x 1.1 

"w 
5.1 4.5       1 

1      V l           U 

1     • 
-55 -56 8.5tol5.0 L 330   | .14   j Dutb 1*1.   H 7.2 4.5 x 1.6 4 5.7 4.5       I 
-57 -58 15.0to26.1L 349   ; .11    | lnbid VI.   | 3.6 4.5 x 0.8 « ^^| 3.6 4.5       1 

1     • 1     M 
1      04 

-59 -60 15.0to26.1L 380 .18   | Dutbi*!.   4 6.3 4.5 x 1.4 6.3 4.5        1 
-61   1 -62 26.1to44.5L 350 .15   I Inbidtl.    II 5.5 6.5 x 0.9 r 3.6 6.5        I 

l        » -63   1 -64 1 26.lto44.5L 331   i .11 DutbicTl     d 
Inbidtl.   5 
fhitbi«!.   N 

11.6 5.5 x 2.1 » 7.7 5.5       I 
1       ^ 
1       ^ 

-65 -66 44.5to60.0L 353   j .09 4.6 6.5:.x 0.7 4.1 6.5       1 
-67   ! -68j 44.5to60.0L 351 J •l9 J 10.2 5.5 x 2.4 8.0 5.5        1 
•69 -701 60.0to72.2L 363 .08 Lnbid tl.    A 4.1   " 4.1 x 1.0 7.0 4.1       1 
-71 -72 60.0to72.2L 366 .20    1 )utbi*l.   1 12.3 4.1 x 3.0 7.0 4.1        1 
-73 -74 72.2to78.5L 369 .05 Lnbid tl.    fl 2.0 0.3 x 3.9 9.0 D.5        } 

■   1,] 

-75   ! -76 67.0to74.0U 312    1 .13   j lnbid tl.    J L2.5 3.2 x 3.9 9.0 M        1 
-77 -78 67.0to74.0U 319 .51 )utbidtl.    1 M.l 11.3 x 3.9 9.0    1 R     i 

ki 1-79 -80 72.2to78.5L 374 .11 Hitbidtl.    | 3.9 1.0 x 3.9 9.0 1.0       1 
-81 -82 78.5to84.5L 367 .05 Lnbid   Fl. S 1.7 0.5 x 3.3 8.0 p.5        1 
-83 -84 74.0to81.0U 327 .14 Lnbid   Fl. J 5.6 2.6 x 3.3 8.0 2.6       I 

II -85 -86 74.0to81.0U 335 .58 )utbidri.   J 33.7 10.2 x 3.3 8.0 r*2    1 

• 

■ 
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TABLE la - Suction Valve Airflow Data 

Suction 
Surface 
Location 
(1 Chord) 

78.Sto84.5L 
84.5tol00L 
81.0to87.2U 
Sl.OtolOO U 
87.2tpl00U 

Press- 
ure 

pafa 

Flow 
4/sec 

(act) 

375 
370 
348 
337 
355 

T  
Wing 

Sect'i 

.12 

.15 

.12 

.41 

.22 

Outb' 
Lnbtd 
lnb«d 
Dutb« 
Inb'd 

■* 

Type 

Valve 

(Fl. 
Fl. 
Fl. 

«Fl. 
Fl. 

MM 

8.31 
RCNUT MO. 

NOR 67-136 

X-21A 

Flow Area 

In 

3.6 
4.6 
4.1 
18.3 
6.7 

W x D 

1.1 x 
1.6 x 
1.4 x 
6.3 x 
2.3 x 

3.3 
2.9 
2.9 
2.9 
2.9 

, 

IlSEL 

8.0 
7.0 
7.0 
7.0 
7.0 

er 

.1 

.6 
L.4 
).3 
1.3 
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9.0 PROPULSION SYSTPl 

The determination of the optimum configuration for the propulsion system 
will be discussed in this section, treating such fundamental considerations 
as number of engines,  location of engines and pylons.    While not considered 
to be a part of the main propulsion system,  the location of the pumping 
system is dictated by many of the usual criteria for locating a propulsion 
engine and by the need for a satisfactory overall configuration;  hence, 
pumping system location also is discussed. 

Propulsion and pumping system performance analysis utilizing installation- 
loss factors is treated, and the two systems are combined into an overall 
system for thrust   specific fuel consumption determination.    Flight test 
analysis methods are described.    The optimization of pumping system power 
sources is also covered. 

The features of the X-2IA propulsion system that stem from its use in an 
LFC application are described. 

Finally, the  incorporation of all the design principles covered previously, 
and which were used in an LFC large transport airplane study, are briefly 
described. 

9.1 System Requirements and Installation 

9.1.1    Location and Configuration 

9.1.1.1    Propulsion Engine 

The determination of the "best* location of the propulsion 
engines entails much more study for a laminar aircraft than 
for a turbulent aircraft.    Extensive configuration compari- 
sons, treating all aspects of wing-mounted versus fuselage- 
mounted locations, are necessary.    No "rules** have emerged 
from numerous design studies to provide a shortcut to 
configuring a vehicle, and optimum locations will vary: 
for the X-21A the best engine location was found to be on 
the aft fuselage In nacelles; but In the LFC-LTA study, 
two wing-mounted flush nacelles, each carrying two anginas, 
wars found to be optimum.    Thi srguments leading to esch 
selection are given In paragraphs 9.3.1 and 9.4.1, respec- 
tively. 

Laminar flow control Imposes only three constraints on 
propulsion engine and pumping system location in addition 
to the normal airplane design coneIdarations. 

1) Keep the laminar surfscea as free as possible of any- 
thing which «ill affect the pressure distribution and 
disturb the linearity of the Isobars. 

•" 

• 
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2) Locate the pumping systems, including necessary 
ducts and valves, such as to minimize duct size 
and weight and  to optimize flow paths for low 
loss and for control. 

3) Provide an engine installation design that will 
ceuse as low as possible acoustic impact on laminar 
surfaces. 

9.1.1.2    PumpinR Pod Location and Shape 

For a flush wing-mounted pod to create as small a turbu- 
lent area as possible,  it is important that the front of 
the pod be small and that the major portion ot   its volume 
be  located far aft on the chord (Section 7).    Figure 9-1 
shows the relative turbulent areas caused by the pumping 
pod and aileron actuator fairings on the X-21A.    To mini- 
mize the disturbed area, pod nose shape undergoes a 
peculiar twist in this case. 

The equipment "dry bays" within the wing will  subtract 
from fuel volume.     It will be necessary to consider the 
trade-off between using wing volume for good equipment 
accessibility or for fuel tankage. 

A part    pan location of pumping equipment permits the 
greatest flexibility in variation of suction airflow 
from the inner and outer wings and is also considered 
to be a very desirable factor with respect to minimizing 
duct losses. 

9.1.2    Engine Type Selection 

The engine type category having been selected by Mach number- 
altitude considerations, the (general thrust class is dictated by 
both of the following:    Thrust level of engines alone to meet 
take-off requirements, and thrust level of engines alone, when 
at cruise power, to meet approximately 90X of the cruise  thrust 
required.    Then a detailed comparative analysis ot those engines 
meeting the type and claws requirements can be made.    The main 
selection factors are still the traditional trade-off compari- 
sons involving weight, payload, range, fuel, take-off distance, 
wing area, aspect ratio, etc., but the requirements of providing 
for an LFC system enter Into the competition for the first time. 
One of the trade-offs of primary concern Is TSFC at cruise, 
including pumping system thrust and fuel flow. 

*/ 
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9.1.3 Inlet Design 

c 

Suppression of fo.^ard-propagating compressor noise can be achieved 
very efficiently by the use of an inlet duct centerbody which trans- 
lates or expands to cause a normal shock wave to scand in the duct. 
Noise attentuation by this means is not selective as to frequency 
and can reach 25 to 30 db without appreciable pressure loss.  (See 
Section 11 for noise attenuation discussion.) Suppressions of 3 
to 5 db can be achieved by lining the inlet duct walls with sound 
absorbent materials. Attenuation by this means is tunable for 
reduction of specific frequencies and can be achieved with no more 
loss than the centerbody arrangement. 

9.1.3.1 Pressure Recovery 

For a normal inlet, pressure loss is made up of lip loss, 
expansion loss, and friction loss.  For an inlet with a 
variable centerbody, friction loss will be higher, expan- 
sion loss will probably be higher but depends on expansion 
angle, and shock loss is added.  From one-dimensional 
normal shock functions, the loss of total pressure down- 
stream of a weak shock is less than 0.1%  between 1.00 and 
1.10 Mach number and is, therefore, of little significance. 

9.1.3.2 Integration of "Sonic" Inlet with Usual Inlet Regulrements 

(a) A choked flow condition should be maintained over the 
cruise power airflow demands. 

(b) The minimum duct area with centerbody retracted can 
be determined by corrected airflow demand at maximum 
attainable corrected speed. Maxiraum corrected speed 
usually occurs only at very low Mach numbers where 
LFC will probably not be required. Thus, an unchoked 
condition can be attained with a larger duct size and 
higher recovery, or a choked condition can be attained 
with a smaller duct size. 

(c) The minimum duct area with centerbody extended will be 
that LFC condition at which RPM, and hence corrected 
airflow, is least. For a cruise-only application, the 
area variation required will be least. 

(d) The length of duct necessary to minimize distortions 
is that length that will keep diffuser wall divergence 
under an equivalent 14 
take-off. 

Included angle for cruise or 

. . 
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(e) Radial and circumferential distortions at the 
compressor face will not be materially increased 
over those of a similar duct without a "sonic" 
plug provided  that the diffusion equivalent ang'e 
does not exceed  the  14°   limit.    If  the  14°   limit 
is exceeded at  low corrected flows,  the  increased 
distortions will have a smaller detrimental effect 
on blade  fatigue. 

(f) The external   lip shape and contours need not be 
different from those shapes that would otherwise 
be suitable without a "sonic" inlet. 

(g) The  internal   lip shape need not be different from 
those  shapes  that would otherwise be  suitable 
without a variable centerbody. 

9.2    System Performance Analysis 

This part will discuss some propulsion system performance analysis 
problems and techniques peculiar to an LFC airplane.     Included also 
are comments on the method of analyzing pumping system performance 
and combining it with that of the propulsion engine  to arrive at the 
overall  propulsion system performance. 

9.2.1    General Description of Method 

The effect of the pumping system on the propulsion engine  is: 

1) To reduce cruise   thrust required from the  propulsion 
engines.    Cruise  thrust is reduced because LFC reduces 
airplane drag and because  the pumping system contributes 
to total thrust. 

2) To increase engine  power extraction requirements, either 
compressor air bleed or shaft horsepower. 

3) To alter engine specific fuel consumption (SFC).    The 
overall SFC of the LFC aircraft may or nay not be reduced 
by the propulsion of  tne pumping system (depending upon 
selection of engine type«, percentage of aircraft surface 
laminarized, exhaust velocity of the pumped LFC air, and 
other design variables of the LFC aircraft); but the 
product of SFC and the necessary power (1.«., the actual 
fuel flow in pounds par mil«) is reduced in comparison 
with a turbulent airplane of comparable weight or size. 
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For any given flight condition,  the performance of the propulsion 
engine is calculated over a range of powers to cover the range 
of expected drags, and over a range of extractions from minimum 
aircraft uses to full pumping system and aircraft requirements. 
Pumping system performance calculations must also cover a range 
of expected LFC flow variations at  that sane flight condition. 
The propulsion engine and the pumping system performance are  then 
merged into one overall "propulsion system" analysis. 

The X-21A program followed the above procedure.    Calculations of 
engine performance manually were  supplanted by EDP (electronic 
data processing) machine calculations which gave, in addition, 
secondary  system outputs which previously were unobtainable 
because of  the amount of calculation.    The use of EDP also allows 
more frequent updating of Inputs to keep abreast of model  test 
results, revised specifications, configuration changes, flight 
test results, and other refinements as a design idea reaches its 
manifestation in hardware.    Pumping system calculations were hand 
calculations throughout, in spite of  the fact that they were 
quite tedious, because of frequent changing uf LFC flow and  lack 
of reliable compressor performance maps. 

For an LFC application program, much the same procedure  is 
recommended but with ad Ütlonal emphasis on machine calculations. 
For example,  the engine and its installation can be programmed 
from the beginning and changed when necessary to update inputs. 
For proposal comparison, pumping machinery is likely to be  so 
diverse that only hand calculations would be versatile enough to 
cover all  cases, and a "one-shot" comparison is also required. 
In the early design phase also, combined performance may be done 
by hand until a suitable program using reliable inputs is checked 
out; from then on, EDP machine computing is preferable. 

9.2.2    Rimpina System Performance 

Detailed analysis starts with the given flight point and LFC 
flow and pressure.    Compressor "corrected airflow" is found and, 
with pressure ratio and appropriate Reynolds number correction, 
allows horsepower to be found.    From horsepower, turbine torque, 
speed, fuel flow and airflow, both actual and "corrected", are 
found.    From these values pumping system thrust is determined; 
and, subtracting from a given drag, propulsion engine thrust- 
required is solved for.    The detailed steps must be appropriate 
to the actual hardware involved. 

r* 
- 
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Analysis of the X-21A pumping system followed a different scheme 
than that of the engine: engine performance was analyzed over a 
wide range ci altitudes, Mach number and RFM; the pumping system 
was analyzed only at 11 specific altitude/Mach number flight con- 
ditions for which LFC airflow and pressure and laminar drag were 
given. For several of these conditions, LFC flow was perturbed 
in 5 steps from -151  to +30% of the nominal amount. 

9.2.3 ln-Flieht Thrust Measurement 

9.2.3.1 General 

The measurement of in-flight thrust is one of three ways 
by which drag may be analyzed, the other two ways being 
measurement of pressure recovery in the wing wake and 
fuel flow reduction. (See Section 12 for discussion of 
these latter two methods.) 

For steady-state flight, thrust is equal in magnitude 
to drag; thus for either turbulent or laminar flow the 
summation of all thrust terms yields the total drag. 
The paragraphs that follow identify the terms that 
contribute to thrust and drag. The engine analysis is 
handled in the usual manner. 

9.2.3.2 Pumping System LFC Airflow 

The low pressure compressor map, Figure 8.4, is entered 
with values of the ratio of diffuser static pressure (P3 ) 
to inlet total (P-j. ), and corrected rotor speed       ^ 

(N//Bp, to obtain the corrected airflow parameter 

(Wc v/Tr^/öj).  Compressor airflow becomes: 

Corrected Airflow x 6 
i  lbs/sec 

:*m^9 

ci y^r 

where the symbols are defined on the compressor map. 

The effect of Reynolds number on reducing airflow, though 
small, is compensated by utilizing a speed correction 
curve and re-entering the compressor map with the newly- 
corrected rotor speed. High pressure airflow Is the sum 
of the low pressure discharge and high pressure suction 
airflows and Is located on the G1MC compressor map, Figure 
8.5, by Inlet total pressure (PT ) and temperature (T ), 

exit total pressure, and rotor spaed. The calculation 
procedsre for determining the G1MC airflow is the same 
as that described for the low pressure compressor. 

! 
• -;- I 
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9.2.3.3    Pumping System Bleed Airflow 

For the low pressure compressor, turbine exhaust discharge 
flow is subcritical   in  the duct for all cases, and flow 
coefficient   is estimated to be 0.80.    The steps required 
to calculate turbine   exhaust flow are: 

a)    Compute the ratio  (Pj/Pg)  and rsad the corrected flow 
rate parameter  iV/T^/Pj A)  from a graph constructed 
specifically for  the  low pressure turbine exhaust duct. 
The symbols are; 

P™ =  total pressure, 

W    = weight flow rate, 

and A = duct area. 

Pg ■  static  pressure, 

TT =  total   temperature. 

b)     Compute  the actual  weight flow rate W as  follows: 

„ _  (corrected flow rate parameter)   PT A 

T 

Total air bleed from each engine is measured by a boost 
venturi, and high pressure turbine airflow Is. total bleed 
flow minus low pressure turbine airflow. 

9.2.3.A Pumping System Thrust 

The X-21 low pressure turbine exhausts to free stream 
through a 4.0 inch diameter duct slanted 30° downward 
from the horizontal.  The velocity coefficient for tur- 
bulent flow is estimated at .83 which, in combination 
with the flow coefficient of .83 and the axial component 
of the thrust vector of .866, yields an estimated thrust 
coefficient of .60. Gross thrust was calculated in early 
flight tests and when it proved to be approximately zero 
(as analysis had previously indicated it would), it was 
thereafter neglected. 

Thrust of the high pressure compressor nozzle is defined 
by a standard subcritical nozzle thrust curve using the 
ratio of specific heats y * 1.4 and is based on the same 
equations as that of an engine nozzle working at a low 
pressure ratio and a constant nozzle area. The data 
Inputs are measured values of compressor exit total 
pressure (PT7) And ambient static pressure (Pam^* ^

>e 

only calculation required to obtain gross thrust Is to 
multiply the curve value of Fg/ftam **? *ara» where 6am i* 
the ratio of ambient static pressure to standard sea level 
pressure. Fg Is the gross thrust. 

. 
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The thrust of the turbine exhaust nozzle is determined 
in the same way as that described in the preceding 
paragraph for the high pressure compressor nozzle, 
except that the ratio of specific heats incorporated 
in the nozzle performance curve is v s 1-33 instead 
of 1.40. 

Ram drag of the suction air must be subtracted from 
system gross thrust; its value is the product of mass 
flow rate and true airspeed (ram drag of bleed air is 
charged to the engine and, therefore, neglected here). 

FRHPC = üci x V x 1.689 
o 

g 

where:   w 2 = G™C C0mPres8or airflow lb/sec. 

V  ■ True airspeed, knots, 
o 

Thus the net thrust for the system is: 

FNPS » FGLPT ♦ FGHPT ♦ FGHPC ♦ FRHPC 

Definition of terms: 

HPC  - High Pressure Compressor Unit 
LPC  - Low Pressure Compressor Unit 
FNPS - Net Thrust of Pumping System 
FGLPT - Gross Thrust of LPC lUrbine 
FGHPT - Gross Thrust of HPC Turbine 
FGHPC - Gross Thrust of HPC Compressor 
FRHPC - Ram Drag of HPC Compressor 

An example of net thrust versus fuel flow for the X-21A 
airplane is shown in Figure 9.2. 

9.2.4 Minimum RPM for Laminar Flieht (X-21A) 

Since noise may prove to be detrimental in the establishment and 
maintenance of laminar flow, it is apparent that a thorough 
investigation of the influence of noise must be made at the 
highest design Reynolds number of 40 x 106. The "quiet limit** 
in such a test would be to establish a shallow dive» shut down 
engines entirely, and take measurements. Obviously 1 It is not 
possible to shut down engine* and continue to operate the air- 
craft Systeme Including the LFC pumping equipment In which 
engine compressor bleed air Is required. A low engine REH 
which simultaneously supplies (1) sufficient bleed, (2) suffi- 
cient thrust, and (3) sufficient airflow to choke the Inlet, la 
the least noisy laminar condition. 

— 
•J'X-J 
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Pumping system performance calculations at nominal LFC airflow 
rates were made along the 40 x 10    Reynolds number line at a 
weight of 80,000 pounds.    These calculations  indicated the pump- 
ing system task, and corresponding speed required to deliver 
sufficient pressure and flow of bleed air to do the pumping 
system task.    The results are plotted on Figure  9-3.    Thrust 
requirements to maintain  level  flight of the airplane along the 
same  line are also plotted.    The final calculations indicated 
the minimum engine corrected airflows, and hence engine speed 
required to just maintain choked inlet conditions along that 
line and are also plotted on Figure 9.3.    As the figure shows, 
engine  speed sufficient  to maintain choked inlet conditions is 
higher than that required  to operate the {jumping system.    If 
engine speed is allowed  to drop below that causing choking air- 
flow, nominal LFC airflow can still be maintained, but the inlets 
will be emitting compressor noise.    Any  inhibition to initiation 
or maintenance of laminar flow r-n then be measured.     In fact, 
however, no loss of laminar flow due  to compressor noise was 
observed in X-21A flight  tests. 

9.3    Description of X-21A System 

The X-21A is powered by two non-afterburning YJ79-GE-13 engines redesig- 
nated from the J79-GE-3A after being modified by removal of afterburner 
and associated equipment.     In addition to providing propulsion thrust, 
the engines also supply compressor bleed air for operation of the LFC 
pumping equipment.    Mounted on each engine are two hydraulic pumps, a 
constant speed drive and alternator, and an auxiliary electrical gener- 
ator for flight test instrumentation.    Other accessory systems are a fire 
detection system and an ice detector system.    These engines are mounted 
in nacelles on each side of the aft fuselage.    The nacelle is of typical 
construction consisting of frames,  longerons, intercostals and skins. 
The  inlet contains a movable plug to create sonic velocity in the inlet 
duct, thus preventing the forward propagation of engine noise.    The tall- 
cone  is removable.    An access door on the bottom of the nacelle provides 
for servicing the engine and,  together with the removable tailcone, 
allows for installation and removal of the engine.    Engine bay cooling 
is provided by a ram air chin scoop and a tailpipe ejector. 

Fuel can be supplied directly to the engines fron the aft fuselage main 
tank or from the inboard wing main tanks.    Any combination of fuel supply 
from the  three main fuel  tanks can be selected.    During normal fuel 
system management, the wing tanks are maintained full while the fuselage 
fuel, by way of the aft fuselage main tank, feeds the engines.    The wing 
main tanks continue to supply fuel to the engines after the fuselage fuel 
has been consumed.    Sequence of fuel supply Is only limited by airplane 
CG control and wing bending considerations. 

> . -' - 
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The determination of  the optimum configuration for the propulsion 
and pumping systems will be discussed in this section treating such 
fundamental considerations as number of engines, location of engines, 
pylons, and pumping system location.    Finally, detailed factors of 
design are described wherever the consideration of LFC necessitated 
some deviation from usual practices. 

9.3,1    Location and Configuration -  See Figure 9.4 

It is shown on coiaparison charts, pages 9.12 to 9.13 inclusive, 
that the aft-fuseUge-mounting arrangement is superior in the 
two considerations deemed to have most importance in this 
program:    wing isobar linearity and low noise level.    The 
weight penalty for this, a 10.57. reduction in useful  load for 
ballast, did not compromise the design mission. 

( 

( 

- a \ 

.-&> 



fTOBM 20-TA 1 fSSmct! MK 

NORTHROP CORPORATION 
NORAIR DIVISION 

9.12 
cwcua                                      | ■tNSTM. 

^-- NOR 67-136 
( MTt                                                     1 Comparison of Wing versus Aft-Mounted MMU. 
^ June  1967 Engine Location X-21A 

Item of Consideration 1                      Wing-Mounted Aft-Mounted 

1.  Isobar linearity Turbofan engines (because of Influence of aft-mounted 
and pressure their size)  mounted on the wing engines, whether turbojet or 
patterns. cause an increase in pressure turbofan, on the pressure 

coefficient in a local area. patterns will be measurable 
This amount of increase will but small. 
limit the maximum lift coeffi- 
cient attainable before the wing 
becomes turbulent.    The smaller 
turbojet causes less disturbance. 

2.  Noise Considera- 
tions. 

la.  Estimated noise a.  See Section 11 for a discus- See Section 11 for a dis- 
levels (laminar sion of the effects of engine cussion of the effects of 
flight regime) noise on  laminarized surfaces. engine noise on laminarized 

{      over the wing surfaces. 
throughout the LFC 
flight   regime for 
straight  jet engine 
without noise sup- 
pression devices. 

I b.  Same as  (a)  above b. Model  tests of three-dimen- Same 
with noise sup- sional  sonic  inlet plug have 
pression devices. shown that when choked, reduc- 

tions in the overall SPL on 
the order of 20 db can be 
obtained (18 db in the plane 
of the inlet, 25 to 29 db a 
nozzle diameter ahead of the 
inlet plane).    Although Norair 
has not conducted any tests on 
sonir exhaust treatment, 
General Electric data indicate 
that sound suppression mufflers 
for the J79 engine could reduce 
overall SPL near the wing A to 
5 db. 

c. Same as (a) above c. No data are available on a Such noise suppression 
for turbofan sound suppression nozzle for devices will probably not 
anginas. a turbofan engine; however, 

the reduction is expected to 
be comparable.    An ejector 
shroud on the straight Jet 

be required. 

and a mixing tailpipe on the 
turbofan would provide addi- 

() 
tional dacraaaa but no quan- 
titative test data are avail- 
able. 

. 

■ 
I .-.,■ 

A' 
- 



rOBM 10-7* 

( 

CMCIMEII 

CHCun 

MTt 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

Item of Consideration 

3.  Station Location 

4.  Maximum Engine 

5.  Operational Hazard: 

ft.  FOD 

b.   Inlet Distortion 

c.  Flame-Out 

d.   Extreme Angle-of- 
Attack 

Comparison of Wing versus Aft-Mounted 
Engine  Location 

Wing-Mounted 

Located at Wing Station 180, 
approximately the maximum out- 
board location compatible with 
"one engine out" stability.    The 
exhaust plane is 60 inches aft 
of the wing trailing edge.    This 
minimizes impingement of noise 
on wing laminar  surfaces. 

Total suspended weight of engine 
nacelle, and pylon is  limited by 
wing flutter considerations.    No 
engine considered exceeded weight 
which could be accommodated. 

More susceptible  to vortex- 
lifted foreign objects due to 
low inlet.    Can be minimized by 
"blow-away" jet. 

No unusual problems associated 
with wing-mounted  jet. 

No susceptibility to flame-out 
due to LFC airplane design. 

No unusual problem. 

No problem expected. 

Can be accomraodated at selected 
wing station.     (See 3 above.) 

MM 

9.13 

NOR 67-136 
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Aft-Mounted 

The aft engine  inlet, at 
Fuselage Station 608, is 60 
inches aft of the wing trail- 
ing edge.    The tailpipe is 
ended at the trailing edge 
of the horizontal tail  so 
noise will not impinge on 
any airplane structure. 

Any engine requires forward 
ballast.    This puts premium 
on lightest engine.    Strength 
of X-21A fuselage dictates 
the use of an enginn in the 
weight class of the J79 or 
lighter. 

More  susceptible  to tire- 
thrown foreign objects. 
Wheel fenders can be used to 
minimize. 

Distortions due Lo angle-of- 
attack are reduced.    The 
location is selected to keep 
the inlet out of the wing 
wake. 

Same as wing-mounted coonent. 

No effects of normal  large 
angles of attack, as engine 
inlet is below wing wake. 

No problem expected. 

No problem. 

e. Maneuver Effects 

f. One Engine Out 

6. Pylon Position 

The high pylon position allows the us« of the existing speed brake with only a 
minor shortening of the upper aft corner to provide nacelle clearance when In 
in the open position.    An additional benefit is that ehe pylon-to-nacelle 
structure is above the nacelle centerline, thus allowing the maximum arc for 
an engine access door. 

■ 



eonu 10-7A 
CHCIMtER 

CMCCKM 
NORTHROP CORPORATION 

N0RA1R DIVISION 

MM 

9.14 

NOR 67-136 
OATt 

June  1967 X-21A 

( 

7. Vertical Position and Tilt 

The nacelle is positioned vertically to meet these three governing criteria: 
1)  the engine should be  sufficiently high to prevent the entry of foreign 
objects thrown up by the wheels;  2) the engine should be not so high that it 
will be in the wing wake at any angle of attack,   so as to prevent flame-out; 
3)  the  thrust vector should pass approximately through the airplane CG.    The 
vertical position chosen places the upper inlet lip eleven inches below the 
extended wing chord.    The engine is tilted two degrees nose down to align the 
inlet into the angle midway between zero angle of attack and stall angle. 

8. Horizontal Position and Cant 

The nacelle is positioned horizontally such that the  inboard inlet  lip is 
approximately one inlet diameter removed from the  fuselage and is canted  three 
degrees nose outboard.     For least fuselage-to-nacelle  interference drag it was 
desirable to increase  this separation but pylon structural weight thereafter 
increased rapidly.    The  three degrees outboard cant of the engine positions the 
$, of the inlet parallel  to the  fuselage local  slope to minimize interference 
drag. 

9. Longitudinal Position 

In the  interest of reducing noise effect»,   it was desirable to place the engine 
as far aft as possible but this was limited by the fixed location of the main 
landing gear;  the airplane center of gravity must obviously remain ahead ofithe 
main landing gear.    The ejector should not terminate much,  if any, ahead of the 
horizontal surface so as  to eliminate interferences on the horizontal stabilizer 
from engine Jet wake effects.      lb maintain safe  landing and ground handling 
characteristics the selected location is considered to be a fair compromise 
between nose ballast capabilities,  proximity of inlet to wing trailing edge, 
airplane stability, and minimum structural rework to the aft fuselage. 

9.3.2   Requirement of Engine 

In addition to requirements of the sort in paragraph 9.1.2,  there 
were other requirements for the X-21A engines: 

"Existing" Status - The basic engine shall have in-use or in- 
production status and shall have passed a 150-hour Qualification 
Test. 

Hodification - The basic engine nay be modified, if required,  to 
meet the requirements of these criteria using methods «md material 
in compliance with ANA Bulletin No.  343. 

Augmentation and Exhaust Noitle • The engine shall not be equipped 
with thrust augmantation ami shell be equipped with e fixed eree 
tailpipe,  the nominal eree to be selected so a« to achieve maximum 
see level static thrust.    Tebs she 11 be provided by which the area 
may be adjusted 4% larger end 7.5X smeller than nominal. 
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Requirements List - The engine shall have performance and configu- 
ration  features compatible with the "Required" column of the 
following table. 

ITEM GENERAL REQUIREMENT 
SPECIFIC 

RJ5Qy;R6MENf 
AVAILABLE 
FROM J79-13 

Minimum      Sufficient to achieve M = .80 at 
Cruise Thrust ^»5,000 ft. (turbulent) 0 

1695 lbs    1720 lbs. at MIL & 
17. comp. bleed 

Minimum T.O. 
Thrust 

Sufficient to T.O. at S.L. from 
5,000 ft. runway over 50' obstruc- 
tion at 55,000 lbs. T.O. gross 
weight 

8300 lbs. 
(Installed 
Thrust) 

8940 lbs. 

Compatibility 
with Sonic 
Inlet 

Must be relatively insensitive to 
inlet distortion. Compressor 
stability and blade stresses 
considered 

Compatible with 
inlet plug in 
any position 

6% radial distor- 
tion; 12% circum. 
distortion 

Compressor 
Bleed Air 

For pumping equipment,   cabin con- 
ditioning, and anti-icing uses 

2.21  lbs/sec. 
approx. maximum 

3.24 throughout 
cruise range 

Weight Low enough to utilize aft-mounting 
considering airplane balance 

3,000 lbs. 
approx. maximum 

2550 lbs. 

Maximum 
Diameter 

a. 

b. 

Nacelle size not so large as 
to cause excessive interfer- 
ence drag 
Nacelle and exhaust nozzle 
ground clearance consider- 
ations 

Diameter small 
enough to meet 
conditions in 
preceding column 

Maximum diameter 
44.00 in. 

Specific Fuel 
Consumption 

Low S.F.C. not essential. Al- 
though desirable to minimise, not 
of first importance since evalua- 
tion of LFC determined by other 
methods 

S.F.C. low 
enough to pro- 
vide sufficient 
range 

Installed S.F.C. 
approx. 1.22 at 
cruise conditions 
of 45,000 ft. alt. 
& M ■ 0.8 

Accessory 
Capability 

Mechanical PTO's for: 
a. 2 hydraulic pumps 
b. 30 KVA CSD and Alt. 
c. 500 amp.  D-C Generator 

Sac General 
Requirement» 

a. 600 in. # cent. 
b. 450 In. # cont. 
c. 450 in. # cont. 

Maximum 
Length 

Not significant, as extended tail- 
pipe or aft-mounting used in all 
configurations 

See General 
Requirement 

Maximum length 
174 In. 

"■■ 
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A USAF directive indicated that the engine should be selected from 
a list of engines in the USAF Inventory, of 10,000 pounds thrust 
category, considered to be in "long supply." The J79-GE-3A, 
several older models of the J57, and the J71-A-13 were offered as 
choices. Later engines which offered better fuel consumption were 
available only with a ten to eighteen-month lead time, and would 
mean procurement from project funds rather than as GFAE. In all 
cases, a non-afterburning engine was to be used, by removing the 
afterburner and associated components if so equipped originally. 
The best engine of those offered, determined by factor comparison, 
was the J79-GE-3A, and it was the only one below the maximum weight 
limit.  The improved fuel economy of engines available eighteen 
months hence was not, in itself, sufficient reason to delay the 
program, and the money for their cost could be used more advanta- 
geously elsewhere in the program. 

"Available" column of the previous tabla shows that the require- 
ments of the X-21A are met with the non-afterburning J79-GE-3A, 
redesignated the J79-GE-13. 

9.3,3 Inlet Design 

The shape, proportion, and dimensions of the X-21A sound-suppressing 
inlet are shown in Figure 9.3 and 9.6.  It has a manually-controlled 
translating centerbody for the purpose of causing a normal shock 
wave to stand in the duct. The efficient suppression of forward- 
propagating compressor noise that can be obtained with this scheme 
has previously been demonstrated in the Northrop Norair wind tunnels. 

9.3.3.1 Flow Criteria 

a. The minimum duct area with centerbody In intermediate 
positions is to be determined by engine airflow demands 
at cruise and shall cause a choked flow condition to 
be optionally maintained over a wide regime of cruise 
power settings. 

b. The minimum duct area with centerbody retracted la to 
be determined by engine airflow demands at 108X N//V, 
the maximum attainable corrected speed, without choking. 

c. The minimum duct area with centerbody extended la to 
be determined by the requirement that choked flow 
conditions must be obtained at a low altitude and a 
low free stream Nach number. The condition selected 
la 3,000 feat at .42 M 

i Mim •»•'» -="" 
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d. The length of duct shall be determined by the length 
needed to keep diffuser wall divergence under an 
equivalent 14 included conical angle for cruise or 
take-off positions. 

e. Radial and circumferential distortions at the com- 
pressor face shall be minimized, possibly to the 
limits of engine Model Specification. 

f. The external lip shape and contour shall be of the 
NACA I-series and shall have a critical Mach number 
above the design cruise Mach number. 

g. The internal lip shape and contour shall be elliptical 
and optimized for a satisfactory compromise between 
take-off and cruise performance. 

h. Inlet overall pressure ratios shall be designed to be 
as high as possible consistent with the above require- 
ments. Minimum desirable ratios shall be .96 at 
choked flow with cruise corrected airflow demands, 
and .96 unchoked flow with maximum corrected airflow 
demands. 

i. Design, performance, and test data shall be organized 
in such a manner that the data can be presented in 
accordance with Specification MIL-S-17984A(ASG). 

9.3.3.3 Inlet Performance Results 

Total pressure ratio versus corrected airflow was measured 
in typical flight and is shown in Figure 9.7. Notice that 
recovery is some 1% to 1^7. higher than the estimated .96 
used for design at the choke point. But If corrected flow 
is further increased without retracting the plug, recovery 
Is severely reduced. This points up the necessity of 
having shock sensors of high sensitivity. The drop In 
recovery Is attributed to shock losses and losses from 
separation and distortion. 

During static tests, choking occurred at 100X corrected 
speed a« compared to the design objective of 108X corrected 
•peed. Data showed that corrected airflow at 100% speed 
was up from the specification emount of 161 lbs/sec to 163 
lbs/see and the Inlet was Manufactured to an area smaller 
than that used In sizing calculations. 

mm—mm 
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Minimum flow choke point was 111 lbs/sec for design and 
was measured to be 113 from model tests, 114 from flight 
tests, and 113.3 from static thrust stand tests. Using 
114 as an average, an engine of specification airflow will 
choke at 83.8% RPM, up .87,  from design, and a typical 
engine will choke at 86.8%, up 1.8% from design. Both 
RPM's are acceptable for the minimum cruise investigation. 

Radial distortion versus corrected airflow is also shown 
on Figure 9.7 and shows that the target limit of 6% is 
always exceeded at choke. Radial distortions in static 
tests at choke varied from 10% with plug fully extended 
to 13% when fully retracted. The flight test data. 
Figure 9.7, show somewhat higher values of radial distor- 
tion at choke.  If corrected flow is increased beyond the 
value causing choke, distortion increases rapidly. Early 
static tests had shown that radial distortions would 
exceed the manufacturer's limit and a series of tests was 
conducted imposing distortions of 24, 19, and 22% at plug 
extensions of 3.7 inches, 8.0 inches, and fully extended 
respectively, to establish where the distortion limit 
really existed. No detrimental performance effects on 
engine operation were noted, indicating that the J79-GE-13 
engine is highly insensitive to radial distortion. 

Circumferential distortion indices versus airflow are also 
shown In Figure 9.7 and do not define distinct trends 
similar to radial distortion. In general, maximum distor- 
tions occur when the inlet is choked and no appreciable 
increase in distortion results when the inlet is overchoked. 
Distortion Indices are considerably less than engine manu- 
facturer's limits. 

For noise reduction discussions, see Section II. 

9.4 Description of LFC Larca Transport Airplane (LFC-LTA) System 

As stated previously in Section 8.4, the design principles and know-how 
acquired In the X-21A program were applied to a study for the application 
of LFC to a large transport airplane of the 0-141 type. The application 
study was constrained by the assumption that the LFC design could be phased 
Into the production of the non-LFC airplane on a minimum change basis. 

9.^.1 Location and Conflauration 

Propulsion arrangsment for the LFC-LTA resulted In two wing-mounted 
pods, each carrying two engines, as being superior when the 
restraint of limited redesign was Imposed. The arrangement evolved 
as follows; 

■ 
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Stralghtest isobars and least noise, hence best LFC, again occurred 
with an aft-fuselage mounted arrangement.    The resulting aft shift 
of the CG could be counteracted by:     1) forward ballast of approxi- 
mately 40% of pay load; or 2) wing and landing gear relocation of a 
more aft position.    The first solution was obviously too great a 
payload penalty and the second was ruled out because it necessitated 
scrappage of too much expensive tooling, especially fuselage-to-gear 
attach frame forging dies.    The engines must, therefore,  remain on 
the wing. 

Noise levels of various LFC-LTA layouts are estimated to be as shown 
in Figure 9.8.    The allowable noise level of the LFC-LTA wing is 
approximately the same as that of the X-21A wing, or 100 db SPL.    It 
is obvious that some noise reduction scheme must be found.    A co- 
axial extended tailpipe carrying separate fan and jet exhaust, ter- 
minating co-planar at the wing trailing edge, reduced noise below 
the maximum permissible value. 

The general principles of nacelle location and configuration are 
discussed in Section 7.0;  following those principles,  the flush- 
mounted nacelle illustrated in Figure 8 J6 was found to be superior 
for this study. 

The dual-engine pod will not materially increase pre-flight or 
post-flight inspection time over a single-engine nacelle design 
because items normally checked are equally accessible in either 
configuration. 

9.A.2    Requirements of Engine for LFC-LTA 

Selection of an engine for the laminarized LTA was to be made 
from turbofan or bypass engines which were, or were soon to be, 
in production.    Fan engines were more desirable than straight 
turbojets because of their better specific fuel consumption and 
lower exhaust noise characteristics.    Selection was based on: 
1) take-off thrust, and 2) cruise performance. 

If the w:.ng uses only those high-lift devices whose retracted 
smoothness will still result in full-chord laminar flow, then 
take-off thrust requirements are the highest.    This occurs because 
maximum lift coefficient is smallest and, to realize sufficient 
actual lift for take-off, highest speed must be attained.    To keep 
take-off distance within limits, acceleration derived from thrust 
must be the highest.    By giving up full-chord laminar flow on parts 
of the wing and equipping those portions with high-lift devices, It 
is possible to reduce the take-off thrust requiremsnt.    In this 
case a higher lift coefficient la In use and sufficient actual lift 
is realized at a slower speed.    For the sane take-off distance, 
than, less acceleration, hence lass thrust, la required.    The trade- 
off exchangee less take-off thrust-required for a more complicated 
flap system.    With simple flaps, an engine of 17,500 pounds rating 
la required. 

* __-. 
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The laminarized airplane wil1 require a cruise thrust rating of 
approximately 2,160 pounds and an SFC minimum at that thrust. 
The original engines must be reduced in power to a point below 
which minimum SFC occurs,  thereby suffering a 2.0% penalty in 
SFC.    A comparison based on cruise fuel consumption and weight 
showed no other engines having a lower installed SFC.    When an 
airplane with high-lift devices and lighter,  lower take-off 
thrust engines is at cruise, the partial   loss of  laminar flow 
adds enough drag to overcome, the weight advantage.    For engines 
having a large-enough saving in weight, a higher SFC may be 
accepted if range, considering overall weight, is greater. 

Thus it seems  the most desirable engine  is one having high thrust 
at take-off and low thrust at cruise.    This would indicate that 
a take-off thrust-augmented (afterburner, water-inject ion, or the 
like) engine should be chosen to realize the highest thrust-to- 
weight ratio during cruise.    Unfortunately, augmentation also 
costs weight and  lowers thrust-to-weight ratio.    The ideal engine 
would have a high ratio of take-off thrust to cruise thrust, have 
17,500 pounds of take-off thrust, lowest SFC at 2,160 pounds 
cruise thrust, and of course low weight.    With engines of bypass 
ratios, Wfan/Wprimarv» in t^e or^er 0^  1  to I'^i the size is set 
by take-off thrust requirements.    When all  their secondary effects 
were compared, the original engines used in the turbulent airplane 
were better than any other considered.     In addition, little or no 
change was required in existing systems. 

The LFC-LTA airplane powered with the original enginer showed 
more-than-adequate take-off performance and, with its abundance 
of cruise thrust,  suggested that its payload-range envelope could 
be greatly extended if airplane gross weight were allowed to 
Increase.    This was the subject of additional study and the 
results were even more favorable for LFC. 
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ITEM 
GENERAL 

REQUIREMENTS 

SPECIFIC 
REQUIREMENTS 

PER ENGINE 

AVAILABLE FROM 
EACH ENGINE 

I.  Take-off 
thrust 

Sufficient to meet take-off of 
4,400 ft at 1.2V3 and critical 
field length of 6000 ft 

17,500 lbs. 
rating.     (957. 
recovery used) 

21,000 lbs. rat- 
ing.    (957. recover] 
used). 

2.  Cruise 
Thrust 

Sufficient to achieve cruise 
Mach number 

2,160 lbs. at 
lowest SFC 

2,700 lbs. at low- 
est SFC.    2,160 
lbs. at .02 SFC 
penalty 

3.  S.F.C. To achieve range of 4,200 N.M. 
with 70,000 lbs.  P.L. 

.75 desirable 
maximum (no-loss 
SFC at 2,160 lb. 

.765  (no loss SFC 
at 2,160 lb. Fn) 

4. Attenuation 
of noise 
emitting 
from com* 
pressor 
inlet 

Inlet duct was too short to , 
permit variable geometry "sonic 
plug" inlet,  so high distor- 
tion-tolerance not critical as 
on X-21A.    See para. 9.1.3 for 
"tuned" acoustical duct wall 
treatment used. 

Normal Mil. 
Spec,  tolerance 
to inlet dis- 
tortion was 
acceptable 

Met Mil Spec, re- 
quirements 

5. Maximum 
Diameter 

Small diameter to minimise na- 
celle parasite drag and turbu- 
lent atea of wing 

Small as feas- 
ible 

Twin mounting 
results in a 
smaller parasite 
drag and turbulent 
area than indivi- 
ual nacelles.    See 
para.  9.1.1.1 

6. Compressor 
Bleed Air 

LFC Pumping Equipment,  cabin 
conditioning and anti-icing 
uses considered at cruise 

2.2 lbs/sec (1.7 
lbs/sec for LPC 
+ .5 lbs/sec 
other uses) 

5,5% of primary 
flow - 3.0 lbs/sec 

7. Weight Highest engines possible, as 
moving them aft on wing r«-  ' 
quired 0.13 lbs nose ballast 
par lb of engine weight.    8«« 
Fig. 8a6 

No maximum estab- 
lished but 3945 
lbs desirable 

4535 lbs. 

8. Accessory 
Drive 
Capability 

Adequate electrical and hydrau- 
lic power for airplane   uses 

As exists on LTA 
except replace 
90KVA alttrna*. 
tors with I20KVA 

Minor angina re- 
work required to 
meat UOKVA torque 
requirements 

1 1 1 
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Minimize Dry Bay Width 
for Maximum Fuel 

Wing Fuel 
Tankage 

Turbulent B.L.  from 
Aileron Actuator 

Side of 
Fuselage 

Divergence Angle of 
Turbulent B.L.   fro« 
Wing/Fuselage Inter- 
section. 

Turbulent B.L. 
from Pod 
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Flight Test Progress Report No.   11, NOR-63-166) 

5°  R.   SIDE/STKP 
5°  L.   S/S 

5°  L.  S/S 

5° R.  S/S 

CHOKE L1NL 

HOKE LINE 

OX (RETRACTED) 

.60   .70   .80   .90    100   110   120   130   140   ISO  160 
C08EBCTED BMGIIU AIRFLOW,   W^/ftj M LB/SEC 

FIGURE 9.7      IM-FLIQHT EMGIME INLET PERFORMAÜCK X-21A, 
J79-CE-13 EMGIME IHSTAIMT10M L.H. MACELLE 
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!        10.1    SWMARY                                                                                                                                                  | 

i                  The effect of turfece imperfections such as roughness, gaps»  steps»                   1 
1                  and waves on the laminar flow performance of an LFC wing are briefly                1 
1                  discussed.    Smoothness criteria for designing» manufacturing and                        1 
I                  maintenance purposes are presented.    The techniques of waviness                          | 
1                  measurement are also presented.                                                                                        1 

1                  The structural design and manufacturing approaches for attainment                      1 
1                  of surface smoothness on LFC wings are outlined with reference                            1 
I                  to the X-21A airplane.                                                                                                         | 

i        10.2    INTIOOUCTION                                                                                                                                       i 

1                  Attainment of laminar boundary layers requires aerodynamically                            i 
I                  smooth surfaces.    The concept of aerodynamic smoothness here                               i 
1                  includes surface waviness.    The maximum magnitude of the surface                        I 
1                  Imperfections at the condition of aerodynamic smoothness Is a                             1 
1                  function of the Reynolds number and to some extent of the Mach                           1 
1                 number.                                                                                                                                 1 

1                 As an LPC airplane proceeds from manufacturing stage to flight                           1 
I                  service the types of surface irregularities to be prevented or                           f 
1                  eliminated change.   Appropriate design and manufacturing Is                                 | 
1                  required to ensure a relative freedom from waves» gaps and steps                       i 
1                 along Joints.    Once the airplane (free of waves and steps) enters                     1 
1                  flight status» roughness due to accumulation of dust and to                                 1 
1                  contamination by Insects during the flight becomes a maintenance                       i 
I                 matter.                                                                                                                                 1 

I       10.3    MECHANISM OF BOUMOOY LAYEt DISTUIBANCB Mil TO STOFACI XMPBIFICTIOMS                  1 

I                   10.3.1    ROUGHNESS. GAPS AMD STEPS                                                                                        i 

1                               The effect of roughness» gaps and steps on boundary layer                     1 
1                              behavior is the creation of vortex-like disturbances.   These               1 
I                              may be either daaped or undamped (leading to boundary, layer                 1 
1                               transition) depending on the ratio of protuberance height                     1 
1                             (depth) and boundary layer thickness» or more specifically»                   1 
i                              on the relation between the magnitude of the irregularity                     i 
1                              and the unit Reynolds nuaber.   Transition is usually (but not             1 
1                              necessarily)observed immediately behind the irregulerity.                     1 
1                             A point-like distrabaacs source ouch as an impacted insect                  1 
1                               creates a wedge-shaped sone of turbulence.   The wedge half                   i 
1                              angle ia epproximately 7.3* | an exception is when a diatur-                 1 
1                             bance exiete at the stagnation lima of a swept wing.   Per                    1 
1                               this case the inboard turbulent boundary of the wedge                            i 

V                                                                                                              *'                                                                            ■ 

■                                                                                                                                                    1 
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maintains its position as flight conditions change. But 
the outboard boundary is a function of the boundary layer 
thickness Reynolds number, enconpassing a larger and larger 
turbulent area. 

10.3.2    WAVIHESS 

C 

Surface waviness causes boundary layer instability and can 
lead to transition to turbulent flow.    For waves with crests 
and valleys oriented apanwise, the primary mechanism öf 
disturbance probably is the generation of streamwise-axis 
vortices in the unstable,  concave, region of the wave. 
Subsequent regions of convex flow appear to be relatively 
ineffective in daaping the vortices, and the strength of 
the disturbance grows from wave to wave.    The presence of 
wing sweep may aggravate the situation by adding crossflow 
pressure gradients that smplify the vortex system.   Tollmien- 
Schlicting traveling wave fronts also may be present or 
even predominant if the surface waves are in resonance with 
the traveling waves.    A similar description of boundary 
layer vortex formation applies to the waves oriented normal 
to thfc wing span of a swept wing.   In the case of the X-21A 
wing, the former appears to be more critical. 

Compressibility effects can cause • strong interaction 
between waviness and boundary layer stability, and thus may 
become the governing factor with respect to permissible 
waviness*    First, a surface wave increases the local Mach 
number end induces a negative pressure peak which Is 
magnified in the presence of compressible flow.   At a 
sufficiently high local Mach number a shock may form at the 
wave.   Second, the presaure difference between the surface 
and the suction chamber will be reduced to the point where 
outflow from the suction slots may even result«   Either 
of these facta can lead to boundary layer transition. 

For a. giwen. local Mach number these sonic effects are directly 
proportional to the ratio of wave emplitude to wave length. 

io.4 flBB w aMooiMUsa atimu 

10.4.1   BOUCaHSS. OAFS AMP SHF8 

Criteria specifying wing surface condition   with respect to 
roughness have been determined primarily through «lad tunnel 
testing on a flat plate.   These studies are summarised in 
Reference 1.   A special compilation la aat up in Figure 10.1 
which specifies tolerable particle dlmenaloas aa a function 
of unit Reynolds 
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naintalnt Its position as flight conditions change.    But 
the outboard boundary is a function of the boundary layer 
thickness Reynolds number, encoapassing a larger and larger 
turbulent area. 

10.3.2    WAVIHESS 

Surface vaviness causes boundary layer instability and can 
lead to transition to turbulent flow.    For waves with crests 
and valleys oriented spanwise,  the primary mechanism 6f 
disturbance probably is the generation of streamwise-axls 
vortices in the unstable, concave, region of the wave. 
Subsequent regions of convex flow appear to be relatively 
ineffective in damping the vortices, and the strength of 
the disturbance grows from wave to wave.   The presence of 
wing sweep nay aggravate the situation by adding crossflow 
pressure gradients that amplify the vortex systms.    Tollmien- 
Schlicting traveling wave fronts also may be present or 
even predominant if the surface waves are in resonance with 
the traveling waves*   A similar description of boundary 
layer vortex formation applies to the waves oriented normal 
to the wing span of a swept wing.   In the case of the X-21A 
wing, the former appears to be more critical. 

Compressibility effects can cause a strong Interaction 
between waviness and boundary layer stability, and thus may 
become the governing factor with respect to permissible 
waviness.   First, a surface wave increases the local Mach 
number and induces a negative pressure peak which la 
magnified in the presence of compressible flow.   At a 
sufficiently high local Mach number a shock may form at the 
wave.    Second, the pressure difference between the surface 
and the suction chamber will be reduced to the point where 
outflow from the suction slots may even result.    Either 
of these facts can lead to boundary layer transition* 

For a. givan local Mach number these sonic effects are directly 
proportional to the ratio of wave amplitude to wave length. 

10.4   SURVBY OF SM0OTHWB8S CRITMtlA 

10.4.1   BOWMUM. OAFS AMD STPS 

Criteria specifying wing surface condition,  with respect to 
roughness have been detemlned primarily throuih wind tunnel 
testing on a flat plate.   Theae studies «re suamarised in 
Reference 1.   A apecial compilation is set up in Figure 10.1 
which apedfies tolerable particle dimensions aa a function 
ef «nit Reynolds number* 
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Criteria for steps and gaps are also presented in Figure 10.1 
in terms of critical Reynolds numbers based on the length 
of the exposed areas.    The requirements for gaps and forward 
facing stepa are similar to conventional aircraft.    However, 
aft-facing step requirements are more severe.    Some saoothness 
tolerance values applying to the flight condition of M = .8 
and 45,000 ft. altitude are given to illustrate the require* 
ments.    Permissible step heights are 0.02 inches for a for- 
ward facing step, 0.009 inches for an aft facing step. 
The width of a spanwise running gap is not to exceed 0.25 
inches. 

10.4.2   VAVINBSS 

( 

Waviness criteria are established from data resulting from 
flight test experiments on an unswept laminar suction wing 
and from several low turbulence wind tunnel tests on a 30° 
swept laminar suction wing.    The results of these tests 
are suanariced in Reference 2 and in a USAP document, listed 
here as Reference 3.   The critical aaplitude is found to 
be proportional to the square toot of the wave length.   A 
diagram containing the basic relations between critical 
waviness and Reynolds number appears in Reference 2 and is 
reproduced here as Figure 10.2.    It is valid for' single sine 
waves.    If consecutive waves exist at one station, the values 
from Figure 10^2 must be reduced by «factor of 1/2 to 1/3 
depending upon the number of waves.    The data from Figure 10.2 
apply to wave lengths taken at right angles to the local 
direction of sweept however. It may be more convenient 
to consider waves in the streamwise direction to avoid 
complicating the instructions In taking measurmsents.    In 
this case the error is small and conservative. 

The compressibility constraints on wavlneas can be calculated 
in the following manner.   The pressure Increment due tc 
waviness (sine waves) is, Ih incompressible flow (Reference 
3)i 

Ap/q - .5.73hAi 

with   h - wave emplitude 
X« * wave length measured perpendicular to local wing 

q - local dyumic pressure 

. 
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The negative pressure peek on the wave Is Increased by 
1/  y l-M* (M being local Mach number) or by e factor 
detemined by e more sophisticated rule such as Spreiter's. 
Accompanying the decrease in pressure is an increase in 
local Mach number which can be determined by an inverse 
application of Spreiter's rule. 

Griticel values for the wave amplitude/length retio will 
result from the conditions thatt 

a. The induced pressure level on the surf see has to remain 
sufficiently higher then the design suction pressure 
level inside the suction duct system to minimise the 
change in suction distribution or st least to avoid 
outflow. 

b. The local Mach number is limited to a value of 1.04 
for the successful operetion of e subsonic Isminar 
suction wing. 

There exists, of course, the possibility of restricting the 
maximum local Mach number level by appropriate eerodynamic 
design of the wing end by rsstricting the wing lift coeffi- 
cient In order to gain satisfactory weviness tolerances. 

For a given maximum Reynolds number a diagram like Figure 
10.3 can be derived from Figure 10*2 as a basis for weviness 
tolerances to be applied to a particular airplane.   The ratio 
of (total) wave amplitude/wave length is plotted versus the 
wave length.   Applying to the X-21A airplane Figure 10.3 is 
valid for multiple waves (reduction factor 1/3) and a chord 
Reynolds number of 43 x 106,   This diagrem also includes 
constraints due to transonic effects.   These restrictions 
sffset only short waves end they apply only to sones of high 
local Mach number. 

As the diagram (Figure 13*3) applies for a ■Mi— Reynolds 
number which, on a tapered wing, exists on the inboard wing 
at the station next to the fuselage, these tolerances may 
be gradually or successively relsxed as one proceeds out- 
boerd in a spanwise direction*   Very short waves, say less 
than one inch of length, make a deviation from Figure 10.3 
dsslrsbls to avoid difficulties in taking meeeurements.   It 
is recommended that a constant mswimw amplitude be specified 
for these short wevee. 

pi «le£v 
 -— — 
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In Figure 10.3 the tal^crencesi.lerv«raves r.oraitl tu».thiervlng 
■pan were set up rather arbitrarily to be twice the value 
applying to wave« with crests running parallel to the span 
direction. Waviness measured spanwise along the leading 
edge, however, should satisfy closer tolerances because of 
the three-dimensional nature of the flow in that region. 

10.5 MKASIIKING TECHHIQüES 

Special techniques must be adopted to aeaaure surface imperfections 
which are of the order of one-thousandth of an inch. The invisi- 
bility to the naked eye and random occurrence of waves necessitates 
a fast scanning and recording instrument in order to survey large 
wing areas in a reasonable period of time. 

A technique which yields the true wave pattern of the airfoil 
surface is the taking of offset measurements from a straight reference 
line and subtracting the results from the theoretical contour. 
This method is successful in disclosing excessive waviness because 
the amplitude of the wave Is of the same ordec of magnitude as the 
msKimum ordinate of the diffetence-curve. However, it requires a . 
separater computation to define the theoretical surface shape for 
each station at which a measurement is to be made. Moreover, 
difficulties nay arise when basic contour errors of the manufactured 
wing occur over large distances which cannot be recognised as actual 
waves. 

0 

A more direct method is the use of a three-pronged measuring head 
which is moved across the surface.   As sketched here, the head 
consists of a base beam with three equi-distant prongs extending 
down from it.    The two outer prongs «re fixed to the beam, whereas 
the middle prong is movable and actuates either a dial gauge or 
an induction type transducer for a paper tape recorder. 

, •' i 
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The head doe« :;ot Indicate th« true wave amplitude nor the true 
wave length. 

In all practical cases the center prong la actuated succeaaively 
as each of the three legs passes through a wave, and as the 
indication of the outer legs Is Inversely reflected by the center 
leg Indication, the head actually yields magnified wave amplitudes. 

In the event that the head length la small relative to the wave 
length, the head output Is proportional to the local radius of 
curvature of the surface, or, as the change In the first derivative 
Is small, proportional to the second derivative. Thus the true 
surface contour can be derived by Integrating twice. However, the 
separation of the wave pattern from the airfoil contour leads to 
the same difficulties as are encountered for taking offset 
measurements from a straight line. 

Though the uncorrected head output does not yield the true wave 
dimensions, the measured curve reveals frequently the wave type 
such as trough, crest or step shape. Presuming that head-length 
and wave-length are equal the true shape of a trough compares with 
the Indicated shape as followst 

•nw« 

II^OlCATeO 

The «aw« beaks are Indicated at ortete in euch a menner that» 
if L - X, the total Indicated wave amplitude ig ik tlmea the true 
wave amplitude. A "smooth« step it sketched below (True amplitude 
and Indicated amplitude arw equal here)t 

■ 
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TRUE   COWTOUR 
/i rrrrr^rrrnrrrrrTrrrr, 

iMJiCAimp 

In the cete that consecutive contour deviations of changing type 
ere being encountered, the Interpretation of the head output becomes 
difficult. The Interpretation Is aggravated by the fact that 
the Indication Is a function of the ratio of wave-length/head- 
length. Short waves are incompletely mapped by s long measuring 
head and vice versa. 

Nevertheless, It Is possible to Judge waviness from the head readings 
with respect to smplltude/wave-length ratio tolerances* It requires 
that the criteria be applied to "indicated" waviness rather than 
to true waviness, and that several measurements with different 
head-lengths be carried out at each surface station In ordsr to 
sssure satisfaction of criteria for all wave lengths which may 
exist on that surface. 

This procedure has also the advantage that no measurements of 
the wave lengths are required. Having set up the aoplitude 
tolerances for the different head-lengths rather than for the 
wave-lengths (which can be done by a geometric analysis), the 
three-pronged head represents an eaty-to-handle tool for surface 
measurement. It is also a valuable aid for direction of surface 
finishing operations. 

A typical trace recorded with the three-prong head is shown in 
Figure 10.4. As «be.head proceeds through the leading edge the 
rapidly changing airfoil curvature is reflected through a: curve 
with increasing slope. The wave ss^litudes must be measured with 
reference to e mean line. It Is sufficient to define a mean line 
by visual estimation of an average curve and drawing it free- 
handed into the diagram. In the vicinifty of the leading edge only 
heads with short prong distances can he ueedi in the X-21A progrsm 
a messurement around the nose is msde with a one-inch-head« Figure 
10.4 slso contains X-^IA tolerance valuea Of indicated waviness for 
different head-lengths which «are established en the basis of the 
true-wsvs tolerances presented in Figure 10.3. 

■ I 
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Wavlness measurements are not only required on the completed wing, 
but during manufacturing.    In the X-21A program measurements were 
obtained on separate panels and on the assembled wing after the 
following stages: 

a. After third stage panel bonding 
b. After slotting 
c. After final installation 
d. During flight testing 

Special attention must be paid to panel edges which,  in X-21A 
experience, showed more deviation from the defined contour than 
the remainder of the panel.    This will be improved by a manufacturing 
technique whereby the panel edges are machine cut after bonding. 
As the center prong of the previously described measuring head does 
not reach the end of the panel, only a part of the amplitude of a 
bent edge is indicated.    Therefore,  the use of a three-prcng- 
head with recording stylus located at one end of the base beam is 
racoomended for measuring edges of individual panels before assembly. 
Presuming that the panel is fairly smooth (with the exception of an 
imperfect edge) and the head-length is at least twice as long as 
the deflected length X/2, the true amplitude A is as indicated in 
the sketchi 
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10.6  CORRELATICM OF CRITERU AND FLIGHT TEST RESULTS 

During the last few months of flight testing the second (-410) X-21A 
airplane, several different investigations were made to correlate 
surface smoothness criteria with laminar flow test results. In general, 
the correlation showed that the allowable deviations in surface smooth- 
ness, as shown in the charts of this section, could be exceeded somewhat 
in the X-21A outer wing panel without loss of LFC performance. 

One of the investigations was to determine the effect of minimum main- 
tenance. As reported in Program Progress Report for October 1965, only 
routine cleaning was performed on the upper outboard wing, beginning 
with Flight 122. Sixteen flights later. Flight 138 showed no deteriora- 
tion in LFC performance over the test area, although numerous chips, 
pits, and other surface defects had developed in the mid-chord and aft 
regions. Flight 138 concluded the test of minimum maintenance. 

Another investigation was made with a spanwise gap .125 inches wide in 
the chord direction and about .18 inches deep on the lower left out- 
board wing at 60X chord. The tests were made primarily at the cruise 
condition (te40,000 ft at lte.75), where the value of R'L for the gap 
was 1.8(10*) as compared with an allowable value of 2.7(105), where 
Ri is the unit Reynolds number of the free stream and L is the gap 
dimension in inches, as shown in Figure 10.1. The flight tests showed 
that the wing can tolerate the .125 gap plus .040 gaps at 44X chord 
and 32% chord without loss of laminar area or change in suction distri- 
bution. The addition of a .050 gap (In addition to the other three gaps) 
at 151 chord plus a .080 gap at 8% chord required a lowering of suction 
in the forward ducts in order to maintain lamlnarisatlon. 

Laminarisation across the aileron seal provides a correlation !or the 
rearward facing step. The allowable value of R'L, from Figure 10.1, Is 
1.0(10*), but lamlnarisatlon was achieved across the seal to the trail- 
ing edge at values of R'L of about 2(10*), by means of reducing suction 
ahead of the aileron either by reducing duct flow rates or by sealing 
several of the slots immediately ahead of the aileron. 

Following the minimum maintenance test on the upper outer right wing, 
a test of wavlness allowables was made In the same area. Filler 
material was stripped from the wing, creating spanwise surface waves 
In excess of the allowables shown In this report. The tests were made 
in two steps, first with s wave In the region of the aft spart then 
with a wave added near the front spar. In both tests nearly all of the 
test area was laminarlsed. Prior to stripping the filler materiel all 
of the test area had been Ismlnarlsed. Apparently the creation of a 
surface wave In excess of allowmble values at the rear spar caused 
only a minor deterioration of lamlnarisatlon, and the addition of a 
similar wave at the front spar did not worsen the situation. The 
results indicate that waves a« far apart was the front and rear spars 
can be treated by single wave rather than multiple wave criteria. 



MM H 

10.10 
üMiacn 

D*Tl 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

NOR 67-136 

X-21A 

10.7    BEFERBHCES 

1. Camichael, B.H., "Prediction of Critical Eeynolds Number 
for Single Three-Dimensional Roughness Elements.n   Morsir 
Division, Northrop Corporation, Report NAI-58-412 (BLC-109), 
Unclass., dated May 1958. 

2. Camichael, B.H.,  "Surface Waviness Criteria for Swept and 
Unswept Laminar Suction Wings."   Norair Report NOR 59-438 
(BLC-123), Unclass.,  dated August 1959. 

3. Norair Boundary Layer Research Group, "Summary of Laminar 
Boundary Layer Control Research" Wright Air Development 
Center Report WADC TR56-111, Unclass., dated December 1959. 

; > 

■ 

- 



CMimn 

CHICKIR 
NORTHROP CORPORATION 

NORAIR DIVISION 
loai 

ftCPOST MO. 

NOK 67-136 
em 

June 1967 X-21A 

One •pamrit« g«p downitreim of 0t25C 

CRITICAL REYNOLDS NUMBER 

R.  - (-)L   =    R»  L (L ^ inches) 

2.7        10" 

rL ^ 5.5       10' 
>«r^9! 

One up step downstream of 0.25C 
j—L 

rrmw* nrT*     |p 

2.3       10 

One down step downstream of 0.25C 
1.0       10 

»}» fsrrrsrrjA 
ryngi 

One gap normal to 30   swept «ring 

: 

1.7       10" 

At 2X Chord At 30% Chord 

Sandpaper Roughness 6.3  10' 9.6   10' 

Single Sphere, Single Cube 1.3       10 2.0       10 

Single Plat Disc 0.9       10 1.3       10 
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I  11.0 Effect of the Acoustic and Vibration Environments on the Maintenance of     1 
I       Laminar Flow.                                                    1 

1       11.1 Introduction                                                 1 

I           It has been demonstrated in wind tunnel and flight tests with         i 
1          laminar flow control surfaces that acoustic disturbances, or         1 
1          noise of relatively high intensity, can cause transition of an        1 
i          otherwise stable laminar boundary layer. Thus, one of the primary     1 
1          requirements in the development of a laminar flow aircraft is to       1 
I          provide assurance that acoustic disturbances will not cause pre-       i 
I          mature transition from laminar to turbulent flow.                  1 

1          This section discusses the development of the X-21A design criteria    1 
|          for external acoustic disturbances, the results of wind tunnel and     1 
1          X-21A tests concerning both internally and externally originating      1 
1          acoustic disturbances, and the results of X-21A flight tests in       1 
1          which wing panels were forcibly vibrated. The section is concluded    1 
I          with an interpretation of the impact of these teat results on the     1 
1          design of a laminar flow aircraft plus suggested areas concerning     1 
1          acoustic disturbances in which further development is necessary.      1 

1     11.2 Acoustic - External                                        1 

1          11.21 Background                                           t 

1               The boundary layer over a conventional lifting surface        I 
1               tends to remain laminar for a relatively short distance        1 
I               aft of the leading edge, the laminar distance being strongly    1 
1               Influenced by sweep (crossflow) and other factors. As the     1 
1               layer grows in thickness with increasing distance, it becomes   i 
1               unstable and breaks down into turbulent flow. The transition   1 
I               point can be delayed to some extent by careful attention to    1 
1               surface smoothness. Early wind tunnel experiments on smooth    i 
1               flat plates indicated that the transition between laminar      1 
1              and turbulent flow occurred at chord length leynolds number    1 
I              ofc the order of 3 x 105. teduction of the turbulence to       1 
I               velocity fluctuations to the order of 10'* times free stream    1 
I               velocity, achieved laminar flo'f up to length keynolds numbers   1 
1              of 3 x 10*, demonstrating the critical nature of the inter-    1 
j               relationship between stability of the boundary layer and       1 
1               external dieturbances.                                I 

I              During that« flat plate experiments it waa observed that       1 
1              the remaining fluctuations in the wind tunnel, after         1 
1               initallation of effective multiple damping acreens, ware       1 
1              net solely due to turbulence, hut rather reeulted from nolae    i 
1               generated In the tunnel (kef. 1).                       1 

1                                                                            1 
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Theoretically,  the transition phenomena on airfoils,   flat 
plates, and bodies of revolution result from two types of 
Instability; viscous instability and inflectional in- 
stability.    The Tollmlen-Schlichting theory of amplification 
refers to viscous instability and indicates that for speci- 
fied regions dependent on the thickness Reynolds number of 
the boundary layer and on the frequency and amplitude of the 
external disturbance,  disturbances in the freestream flow are 
amplified within the boundary as they are convected past the 
surface.    Amplification is followed by the generation of 
streamwise traveling vortices and localized turbulent spots 
and finally by the growth and spreading of these spots 
until the entire layer is turbulent.    The second type,  in- 
flectional instability, occurs when the velocity profile 
of the boundary layer contains an inflection point.    Such 
a condition exists on a swept wing due to spanwise flow or 
"crossflow."    A spanwise pressure gradient exists on a swept 
wing and the relatively low velocity air in the boundary layer 
is deflected more by this pressure gradient than the air 
outside the boundary layer.    The boundary layer,  therefore, 
develops a "crossflow" component in a direction normal to 
the potential flow direction.    Under certain flow conditions, 
the velocity profiles in the boundary layer "crossflow" have 
inflection points, and the flow is highly unstable.    There 
exists a critical "crossflow" Reynolds number beyond which 
amplification of the disturbances occurs, streamwise vortices 
develop, and transition takes place.    Inflectional instability 
predominates over viscous instability on a swept wing, although 
Tollmlen-Schlichting type instabilities can occur under 
certain conditions. 

Both theory and experiments have shown that boundary layer 
instability can be delayed considerably by applying suction 
to remove the low velocity flow inmediately adjacent to the 
surface.    The maximum Reynolds number achieved in these 
experiments, while encouraging, was still much lower than 
theoretical studies would indicate for an ideal suction 
surface.    For some early suction configurations» the maximum 
Reynolds number attainable before transition to turbulent 
flow was clearly a function of the design of the configuration. 
However, the transition Reynolds numbers for later Improved 
suction configurations were dependent upon the magnitude of 
the disturbances or fluctuations in the freestream (Ref. 2, 
3, 4, 5). 
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11.22   Acoustic Wind Tunnel Test Program 

While qualitative experimental observations had provided 
valuable insight into the problem of acoustically induced 
transition phenomena, quantitative data concerning the 
magnitude and frequency spectrum of critical disturbances 
were limited at the initiation of the X-21A program.    To 
establish more definitive information,  an experimental program 
was conducted to investigate the influence of sound on the 
behavior of a 30    swept laminar suction wing model.    A brief 
description of the test setup,  some significant observations 
and test results follow.    A more complete description and 
evaluation of the test is presented in Ref, 6. 

The 7 foot chord-30    swept wing laminar suction model was 
installed in the Norair 7 x 10 foot low turbulence wind 
tunnel.    Internal walls of the tunnel test section,  the 
areas inmediately upstream of the test section, and the 
turning vanes downstream of the test section were treated 
with an acoustic liner consisting of alternate layers of 
glass fiber insulation, fine mash screen, and perforated 
metal sheet to absorb a major percentage of the reflected 
sound waves.    This treatment permitted the introduction of 
a noise field approaching, as nearly as possible, the desired 
condition of plane wave fronts moving through the test section 
and over the model wing.   Provisions were made for Introducing 
both transverse sound waves» with «rave fronts moving normal 
to the direction of flow, and longitudinal sound waves over 
the model.    The sound source Is transferred to a position 
in the celling of the test section, over the model wing, 
for the generation of transverse sound waves. 

The acoustic environment existing over the surfaces of a 
Jet aircraft in flight contains both discrete frequency noise 
components from the engine compressor and broad spectrum 
noise from the Jet exhaust and turbulent boundary layers. 
To simulate these conditions, provisions were made to broad- 
cast pure tone and continuous spectrum noise up to the 
msxlmum frequency of the sound source.    The principal sound 
generator for both longitudinal and transverse sound was a 
Ling-Altec Electro-Pneumatic Transducer with a usable 
frequency range from 200 to 1300 cpa.   An alternate systsm 
was available for generetlng transverse sound, consisting 
of a bank of tan loudspeakers mounted in the test section 
over the modal wing.   The loudspeaker systsm extended the 
usable test frequency rang« up to 5,000 cps. 

See Figure 11.1. 
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In addition to frequency, amplitude and apectra of the 
acoustic disturbances» the following parameters were varied 
during the experiments: model chord Reynolds number, total 
suction quantity and chordwise suction distribution. The 
suction system on the model provided more than twice the 
suction quantity required to maintain full chord laminar 
flow, and a multiple valve system permitted wide latitude 
in chordwise suction distribution. 

Sound pressure levels of the acoustic disturbance over the 
wing were monitored by a flush microphone positioned at a 
reference point near the model. The microphone was mounted 
in a streamlined housing similar to those used for the 
Northrop in-flight noise measurements (Ref. 7). The housing 
assures maintenance of laminar flow over the microphone dia- 
phragm* thereby preventing distortion of the data by pressure 
fluctuations in the flow ever the microphone. Hot wire 
anemometers were employed to measure disturbance particle 
velocities at the suction surface which compared closely 
to the particle velocities derived from microphone measure- 
ments. Flow stability over the suction surface was monitored 
by means of microphones connected to static pressure orifices 
located along the wing chord which, although not used for 
quantitative measurements, would sense the distinct diff- 
erence between the perceived sound of Irminar and turbulent 
flow, thus providing a useful indication o! transition. In 
addition, a pressure rake was attached at the trailing edge 
to show the variation in wake profile. 

During the first stage of the test program, transition often 
was experienced as a result of unexpected phenomena, empha- 
sising the extremely complex nature of .such aerodynamic- 
acoustic testing. In particular, it was found that cavities 
on the surface, such as static pressure orifices or unused 
suction slots, would cause premature transition In the 
presence of high intensity sound over a wide frequency range. 
Without sound, full chord laminar flow was observed. Pre- 
sumably, this premature transition reaulted from periodic 
pulsations of air In and out of the cavities caused by 
fluctuating sound preasures. Highly unstable boundary layer 
profiles with Inflection points and boundary layer oscilla- 
tlona can develop downstream of the open cavities» particu- 
larly whan the frequency of the acoustic excitation coincldee 
with the resonant frequency of the air column In the cavity. 
This difficulty «as eliminated by sealing the orifices and 
unused alota with clay« resulting in an appreciable increase 
in the critical sound pressurs levels* 
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Early tests were run with partiel suction on the model. 
Full chord laminar flow could be maintained without sound 
when suction was stopped in the front portion of the wing 
forward of the 45% chord.    When sound was introduced for 
these conditions, transition was definitely caused by 
amplified oscillations within the frequency range predicted 
by the Tollmien-Schlichting theory.    Figure 11.2 shows the 
variation of critical sound pressure level with frequency 
for a partial suction test condition at a chord Reynolds 
number of 7 x 10 .    When suction was applied in the front 
portion of the wing, Tollmien-Schlichting instabilities did 
not occur on the model, and subsequent transition resulted 
from crossflow or Inflectional instability.    References 6 
and 8 present an explanation of this phenomenon. 

Test results have shown that for   a   specific model,  the 
major parameters controlling acoustic sensitivity were 
suction quantity and chordwise suction distribution.    Suction 
quantity, in itself, did provide a solution to the problem 
of acoustic sensitivity, but an over-all incre&se In suction 
over the chord can reduce the thickness of the boundary layer 
to the point where surface roughness becomes critical and 
may cause the flow to be unstable.    Variation in suction 
distribution provided a more valuable means of raising the 
sensitivity levels on the model.    Increasing the suction 
quantity in local areas of the chord, where "weak" spots 
occurred, raised transition levels considerably with only 
moderate increases in the total suction quantity.    For 
example, at a chord Reynolds number of 11.5 x ID6 with the 
basic chordwise suction distribution, transition was triggered 
by transverse white noise In the octave band between 1200 
and 2400 eps at a sound pressure level of 114.5 db.   With 
an Increase in suction on the slots forward of the 66X chord 
and a decreass in suction aft of the 66% chord so that the 
total suction quantity was Increased approximately 20X, 
transition did not occur at the mutimm attainable octave 
band sound pressure level of 123 db (Ref. 7).    Shown on 
Figure 11.3 are representative data points fro« the acouatic 
wind tunnel program (Raf. 6).   They are divided into areas 
of partial saction, «hare forward auction slota ware sealed 
end Tollmien-Schlichting Instabllltlss occurred! basic 
suction distribution, where minimum drag was achlevedt aud 
modified suction distributional where suction was Increased 
locally to stabilise the boundary layer.   The disturbance 
velocities shewn are these which occurred at the critical 
frequency or frequency bandwidth (i.e. lowest Au/U*   )• 
Also, the increase in Au/O. with modified auction ia 
that which occurred in the same frequency er frequency band- 
width at which the loweet aound pressure level cauaed 

jf' 
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transitions when the basic suction distribution was employed. 
It should be noted that in most cases «hen modified suction 
was applied, transition could not be triggered because of 
the power limitations of the acoustic generator and/or the 
increased stability of the boundary layer. 

Figure 11.4 shows the incremental change in transition sound 
pressure level versus the percent increase in total suction 
quantity for conditions where the chordwlse suction distri- 
bution was held constant and where the distribution was 
modified locally with either a small or insignificant 
increase in total suction quantity. Significant Increases 
in acoustic sensitivity levels (up to 10 db) can be gained 
by local modifications to the suction distribution that 
increase the total suction quantity by no more than 20%; 
whereas, when the basic chordwlse distribution is maintained, 
a similar increase in sensitivity levels requires an Increase 
in total suction quantity of greater than 60X. 

11.23 Acoustic Sensitivity Criteria 

The fact that acoustic disturbances have significant effect 
on the stability of the boundary layer makes it mandatory 
to establish and employ acoustic design criteria in the 
design of a laminar flow control airplane* It should be 
realised that the acoustically originated disturbances are 
only one source of transition mechanisms and that there are 
many other parameters involved In the deteraination of any 
critical acoustic disturbance. Further, the critical acous- 
tic disturbance magnitude will be established on a particular 
surface under a specific set of conditions by the most 
marginal portion of the laminar boundary layer. Since 
the theoretical state of the art has not been developed 
sufficiently to provide an analytical description of the 
phenomenon, It Is necessary to rely on experimental data 
to establish these engineering design criteria. 

Differentiation should be clearly established between the 
critical acoustic disturbance magnitude that causes transition 
and the design acoustic criteria. Obviously, a design would 
not be established at the critical level. Seme margin of 
safety, dependent upon the knowledge of the phenomenon 
and the degree of conservatism desired, would establish 
the design criteria at some lets ••were level than the level 
causing transition. 

(• 

s*   . 
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Figure 11,5 presents date relating to thtt ratio of distance 
velocity to the freestream velocity at transition from 
laminar to turbulent flow as a function of the chord length 
Reynolds number«    The National Bureau of Standards data 
were obtained on a flat plate with sero pressure gradient 

(Ref.   .1).    The disturbance velocity,   Au,  for the MBS tests 
primarily represents total tunnel turbu ence which contained 
continuous energy over a wide range of frequencies*    The 
NASA Ames data also refer to a sero pressure gradient flat 
plate.    However,  the Ames disturbance velocities were computed 
from sound pressure levels measured at one point in the test 
section. 

The preceding data were obtained from flat plates without 
suction.    Examination of these data indicates that each 
experimental series behaves primarily as a continuous family 
of points.   The emergence of such families can be reasonably 
expected because of the major differences between experiments* 
Note, however, that there is a significant similarity in the 
relationship between disturbance velocity ratio and chord 
length Reynolds number for each family. 

The remaining data points on Figure 11. S were obtained from 
surfaces with boundary layer control suction systems*    The 
30° swept model had a 12% thick airfoil with a 7 foot chord, 
the TOT model had a 13% thick airfoil with a 5 foot chord, 
the Zurich model had a 13% thick airfoil with a 7 foot chord. 
Although the surfaces have differing geometry, they are 
related by the fact that the suction quantities and chord- 
wise suction distributions approximated the conditions required 
for minimum drag.    For the 30° swept model at ASMS, the 

Au/Ua   was calculated from noise measurements made In the 
tunnel.   The data for the 30° swept model were obtained from 
analyses of the Northrop acoustic tunnel test results pre- 
sented In Reference 6.    Data for the other suction models 
were obtained from measured turbulence levels In the respaetlve 
wind tunnels* 

Early flight test data were obtained from flight teats 
conducted over a wide range of Reynolda numbers on an F-94 
aircraft fitted with a ••van foot laminar suction glove 
(Ref. 3 and 4).   The teat progrem demonstrated that the flow 
over the glove remained laminar up to an aircraft limit 
chord Reynolda number of 36 x 10°.   Tranaltlon occurred at 
the begltmittg of an accelerated run at an altitude of (00 
feet and a Mach number of 0.61.   Utilising the procedures 
of Ref. 9» estlmatea heve been made of the nolae levels 
existing over the mid-chord of Che glove Immediately before 

.   Js 
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and after transition. The sound sources considered in 
these estimates were the engine exhaust noise at military 
and afterburner power settings and the noise radiated from 
the turbulent boundary layer of the fuselage and tip tank. 

The suction model data shown by Figure 11.5, covering a Reynold« 
number range between 2 x 10 and 30 x 10*, were obtained with 
suction quantities and distributions that resulted in minimum 
drag for each specific model. It has been shown that the 
suction distribution can be modified with a small increase 
in the total suction quantity and drag and yet raise the 
sound pressure level required for transition up to ten 
decibels. The X-21A design criteria for acoustic sensitivity, 
shown by Figure 11.5, were selected on the basis of these data, 
anticipating that modified suction distribution would 
provide ar adequate margin of safety. 

For those experimental cases where the magnitude of the 
disturbances was determined from measured sound preasure 
levels, the corresponding value of disturbance velocity 
ratio, Au/U» was calculated by assuming the disturbance 
was in the form of a plane traveling wave front. While it 
is recognised that this condition does not exist In the 
normal wind tunnel tesr. section, the correlation obtained 
between boundary layer suction models of dissimilar geometry 
tested under widely varying conditions lends reasonable 
confidence to this assumption. The relationship between 
the disturbance velocity ratio, Au/lU «nd sound pressure 
level for the plane wave condition can be calculated from 
the following expressiont 

AP 
SPL = 20 log  0002» 

in db r* ont «icrobar 

where AP « root mean square sound pressure 
in dynes/cm^ 

AP &-   VM-F 

where   3* 
Urn 

latio of the root mean square 
disturbance velocity to the 
freestream velocity 

Mm • Freestream Mach number 

y   > Ratio of specific heats 

->■ >i ..:• 
j- 
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P. - 

or. AU_ 
U. 

Freestream static pressure in 
dynes/CB 

10(SPL/20-3.7) 

"9K p^ 

Thit expression can be further related to the geometry of 
the vehicle by replacing the Mach number term with the 
equivalent expression in terns of length Reynolds numbers 

&P 

where R 

AU        R/.V 

= Length Reynolds number 

2 
v  > Kinematic viscosity in ft. /sec. 

a  « Speed of sound in ft./sac. 

Jt    « Representative chord length 
in feet 

and finally, 

8PL - 20 log L"t"  .0662 ail 

11.24 X-2U Plight Teat Results 

Figure 11.6 presents envelopes M Che chord length Reynolds 
numbers and the accompanying tPlVm valuea for both surfsces 
as functions of wing station and three representative test 
Mach number and altitude conditions« The Au/U» values 
«are ealeutatad from the sound praaaura lavela estimsted 
to exist Airing laminar conditiona at the 401 chord 
poaition at each «lug station« Theae aatlmatad sound 
praaaura levala «art baaed on iaaaaurad data obuinad with 
a turbulent wing (laf. 9) and saaa maaauramanta la ft 
condition during taata conducted on the Inboard wing. 

.. ■ . 

■ 
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Figure 11.6 shows that full chord laminar flow was obtained 
on Che upper surface at all wing stations and flight condi- 
tions. However, full chord laminar flow on the lower surface 
was limited in these tests to positions outboard of the 
pumping pod at all altitudes below 40,000 feet. Figure 11.6 
also shows that the X-21A acoustic sensitivity design criteria 
were exceeded by the sound pressure levels existing on both 
surfaces at all shown flight conditions at wing station 250 
and inboard of wing station 250. Figure 11.7 shows some of 
the chord length Reynolds number conditions for both surfaces 
where full chord laminar flow was obtained. The maximum 
Reynolds number of 47.3 x 10° that was obtained was on the 
inboard upper surface at Mach number 0.464 and 10,060 feet. 
The maximum Reynolds number of 33.5 x 10^ where full chord 
laminar flow (to the aileron hinge line) was obtained on the 
lower surfaces was on the outer wing (W.S. 270) at Mach number 
0.488 and 10,170 feet. For the purposes of this discussion 
of acoustic sensitivity, it is assumed that transition resulted 
from the discontinuity of the aileron hinge and that without 
this discontinuity full chord laminar flow would have been 
achieved. 

Figure 11.7 clearly shows that full chord laminar flew has 
been achieved on both surfaces of the X-21A at Au/U values 
resulting from sound pressure levels 8-10 decibels higher 
than the design criteria levels. 

XI.25 Sumnary 

The remaining points shown by Figure 11.7 are the f«me data 
as shown by Figure 11.3 and are repeated here for comparison 
with the X-21A data points. It should be noted that the 
data from the X-21A and the wind tunnel tests are not all 
directly comparable. The X-21A data are based on an overall 
sound pressure level whereas the wind tunnel results are 
based on th« sound pressure level of the critical frequency 
or critical octave band level. Also, the majority of the 
wind tunnel data resulted in transition with the basic 
suction quantity and chordwise distribution whereas the 
X-21A data points did not cause transition and were obtained 
with modified chordwise distributions* 

Thar« Is no inconsistency between the X-21A and wind tunnel 
groups of data, especially when the X-21A data are compared 
with the wind tunnel data resulting from modified suction. 
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The data th** are not available, and which would be truly 
comparable to the wind tunnel data, are the critical magni- 
tudes and frequencies of the acoustic disturbances that cause 
transition on the X-21A. It may be that the external acoustic 
environment of the inboard «ring was of such magnitude that 
to obtain laminar flow, suction quantities at or approaching 
those critical for surface roughness had to be employed as 
they were during the high Reynolds number wind tunnel tests. 
The last two sentences emphasise the need of determining the 
actual critical sound pressure levels and frequencies that 
cause transition on an actual laminar flow aircraft without 
the standing wave and other compromising effects that are 
inherent in wind tunnel-acoustic experiments* Without 
these data, there will always be some doubt regarding the 
validity of any acoustic sensitivity criteria and further, 
a lack of complete understanding regarding the basic transi- 
tion mechanism originating with external acoustic disturbances. 

11.3 Internal Acoustic Disturbances 

11.31 Introduction 

Investigations of the effect of internal sound upon the 
maintenance of laminar flow have been conducted in both wind 
tunnel and flight experiments* It should be noted that the 
internal sound in itself can have no effect upon the boundary 
layer except as the origin of a disturbance introduced into 
the boundary layer at the intersection of the suction slot 
and the wing surface. Supplementing the wind tunnel and 
flight tests, laboratory investigations were conducted to 
develop the relationship between the sound pressure in the 
spanwise duct and the perturbation velocity in the suction 
slot. This section discusses these tests, their results, 
and concludes with an interpretation of the probability of 
internal sound affecting the maintenance of laminar flow. 

11.32 Wind Tunnel Tests 

The wind tunnel experiments are discussed in References 11 
and 12.    For purposes of continuity in this discussion, the 
wind tunnel results that pertain to Internal acoustics are 
summarised briefly as followst 

1.   The Internal sound pressure levels necessary 
for transition war« dependent upon both the 
frequency of the sound and the suction rate of 
the affected duets.   • 

*.'■ 

■ 
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2. At low chord Reynold« number conditions, 
transition due to internal sound could 
always be eliminated by increasing the 
suction flow.   At high Reynolds number 
conditions, increasing suction to avoid 
transition from internal sound brought 
about transition due to surface roughness 
or from a disturbance originating with the 
suction flow itself. 

3. The portion of the chord that appeared to be 
the most critical   relative to internal sound 
is the constant pressure distribution portion 
or mid-chord region. 

4. The transition mechanism appears to be related 
to tangential instability of the boundary layer. 

5. The critical frequency can be approximated by 
the Tollmien-Schlichting theory of amplified 
oscillations. 

11.33   X-21A Flight Tests 

The X-21A flight tests were conducted In two phases.    The 
objective of the first phase was to determine the normal 
sound pressure levels existing in representative spenwise 
ducts at suction system settings used to obtain maxlmy 
laminar flow at altitudes of 3,000, 25,000, and 40,000 
feet.    Table I shows the overall sound pressure levels 
that existed at these flight conditions. 

The objective of the second phase of the X-21A flight 
tests was to introduce sound Into selected spenwise ducts 
to determine the effect of the Introduced sound on the 
laminar boundary layer.    Sound generators were Installed 
at the Inboard ends of the upper surface duct Me. ft 
(8-15% chord) and the lower Inboard surf see duct Mo. 506 
(5-81 chord).   The tests consisted of Introducing discrete 
sound st intervals of approximately one-third octsv« 
between 300 end 10,000 cps sad st flight conditions of 
Msch 0.70, 0.75 st 40,000 fest, Mach 0.8 st 14,900 fast. 
snd Msch 0.47 st 10,000 fast.   Brosd bsnd noise between 
1,000 sad 10,000 cps in one-third octeve bendwidths was 
si so Introduced into the ssme upper sad lower surf see 
ducts st Msch 0.75 sad 40,000 fast. 

The Introduced sound «as geaerelly 8-15 db shove the 
nonasl oversll sound preesure level la the duct sad 10- 
20 db shews the correepoadlag nonssl noise spectrum level 
In the duct. 
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There was no evidence of any deterioration of the laminar 
flow during any of the introduced internal sound tests. 

11.34 Laboratory Duct Noise Test 

This section discusses the laboratory duct model experiment 
from which an expression was developed that predicts the 
perturbation velocity in the suction slot resulting from 
an acoustic pressure in the main spanwise duct. 

The detailed descriptions of the test configuration, pro- 
cedures and results are presented in Reference 13. For 
continuity of this discussion, Figure 11*8 shows a sketch 
of the test configuration and the following brief descrip- 
tion of the test is presented. 

The central component was a slotted door from the lower 
inboard wing surface of X-21A aircraft. The door was 
approximately five feet long with eight spanwise slots, 
each .006 inch wide. The nossles of the tributary ducts 
below the slots were mostly .088 inch in diameter. An 
acoustically treated chamber with a volume of approximately 
three cubic feet was located ab?ve the door In which a 
regulated pressure and airflow could be maintained. A 
simulated spanwise suction duct of 24 square inches cross 
sectional are«, possessing a trapesoidal shape with no 
parallel sides was located below the door. A valve was 
placed at the upstream end of the duct, approximately 
three feet from the edge of the test panel, which con- 
trolled the amount of additional duct airflow. Devices 
such as throttling screens, felt, mufflers, and contoured 
air valves were employ.d wherever possible to reduce the 
smblent noise level. A sound generator located downstream 
of the test panel was capable of producing both sinusoidal 
and random noise sound pressure levels of 120 db (ret 
.0002 dy/cm2} between 600 and 8,000 cps at the test section. 
A variable sonic throat was located further downstream to 
eliminate the noise from the laboratory exhauster system. 

The test procedure consisted of Introducing both discrete 
and broad band sound into the main duct at a downstream 
distance of about three feet from the test panel. The 
pressure in the chsmber above the test panel «as varied to 
simulate pressure altitudes of 1,000» 25,000 and 36,000 
feet. Airflow across the panel was varied to encompass 
the rang« of auction flow rates existing en the X-21A air- 
craft. Sound preasure levels were measured at several 
positions in the main suction duct and above the teat panel. 
Slot perturbation velocities were meaaured at the top of 
the suction alot at both ends of the tributary duct as 
shown in Figure 11.9. 
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One of the primary results of this test is the following 
"transfer function11  relating the slot perturbation velocity 
to the sound pressure level in the main duct.    The slot 
perturbation velocity. Aw, had been found to be proportional 
tot 

Aw~(PD), __1_ 
pc 

[(l-ig (UM,)]    .  (Dn)y 

where x and y are frequency dependent. 

The quantitative expression has been normalised to standard 
sea level conditions, Mn - .268, Mg - .078, Dn - .088 inch 
and is 

Aw     = (P.)  / Aw /AwV !oJo    CUMBK1-M.r[ X   JtL
y 

V^l "      [      .677      J        ^ 

where 

Aw xms slot perturbation velocity (cm/sec). 

ras sound pressure in main spanwise suction duct 
(dy/ea2). 

(AwV* no ma 11 sad frequency and position dependent ratio 

) 

of the rms values of the perturbation slot velocity 
to ths main spanwise suction duct sound pressure 
at the normalising conditions /cm/sec\ shown by 
Pigurs 11.10 Uf/( 

Poco-Vatio of the characteristic impedance of the air 
Po    [et standard tea level conditions to the ambient 

jcondition, (density x spaed of sound la any 
compatible units) 

-^ 

Mn - Mach number in core of tributary duct nossle 

M, - sversgs Mach number in suction slot 

On • tribuury duct nossls disaster (inches) 

a - frequsney dapeadent Mach nuabar function 
exponent, shewn by Figure ILU 

y - frequency and tributary nesala diaaatar dspaadsat 
a^oaaat far aoasla diaaater fuactloa, aheua by 
Pigura 11«12 • yl 

•/iBw"T?5FtrS 
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It should be noted that this expression applies only to a 
suction system configuration similar to that of the X-21A. 

Perhaps the more important result of this experiment from 
a practical design viewpoint was the discovery of a dis- 
turbance originating with the suction system flow itself 
(Ref. 13). This disturbance is discussed in Ref. 14. 
The point to be made in this discussion is that with the 
suction system configuration of the X-21A and at slot 
Reynolds numbers above 120-140, the wake of the slot flow 
oscillates and creates a disturbance that propagates 
upstream to the wing surface and thus disturbs the laminar 
flow. Relative to the discussion of internal noise, the 
expression presented above is not applicable at high slot 
Reynolds numbers because the slot perturbation velocity 
resulting from the sound transmitted from the duct is 
masked by the suction system flow disturbance unless the 
duct sound is extremely intense. 

Figure 11.13 shows the use of the slot perturbation velocity 
prediction method as it applied to one ot the X-21A inter- 
nal noise flight test conditions. Several statements can 
be made concerning the data shown by Figure 11.13. 

(a) The laminar boundary layer was not affected 
by the introduced sound which, on a spectral 
basis, was 10-13 decibels higher in intensity 
than the normal duct noise. 

(b) The disturbance at the wing surface, originating 
with the suction system flow completely dominated 
the disturbance originating with the normal duct 
sound pressure levels. Mote also that the dis- 
turbance at the surface originating with the 
more intense introduced sound was not masked by 
the suction system flow disturbance. 

(c) The wake of the suction system flow as it 
exited the slot oscillated. 

11.33 Hypothetical Explanation of Wind Tunnel Results 

Figure 11.13 may also be employed to present a clearer under- 
standing of the effects of Internal sound In conjunction 
with the following hypothetical explanation of the wind 
tunnel teat results* 

. 

' > . 
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Assume that during the wind tunnel teste et e Reynolds 
number condition, the relative magnitudes of the distur- 
bances at the wing surface originating with the normal 
duct noise, the introduced sound and the suction system 
flow were as shown by Figure 11.13. Assume further that 
transition occurred due to the surface disturbance origi- 
nating with the introduced sound within the noted critical 
frequency bendwidth. It is known thet increasing the 
suction system flow «rillt (1) increase the stability of 
the laminar flow; (2) decrease the disturbance at the wing 
surf see due to duct noise; (3) increase the disturbance 
at the wing surface due to non-viscous suction system 
flow; and (4) approach the critical suction system flow 
relstive to surface roughness. Figure 11.13 shows clearly 
the phenomena that are occurring, for as the suction flow 
is increased, the surface disturbance due to the introduced 
sound will decrease and laminar flow will be regained, but 
the surfsce disturbance due to the non-viscous suction system 
flow will increase. A point will eventually be reached where 
any further increase in the suction system flow will cause 
transition due to the disturbance at the surface originating 
with the suction system flow itself, or because the critical 
suction system flow relative to surface roughness has been 
reached. 

11.36 Summary 

The lack of any evidence of deterioration in the laminar 
flow during ähe X-21A internal i.oise tests may have been 
due to the following: 

(a) The Introduced sound may not have been of 
sufficient intensity within the critical 
frequency bandwidth to cause transition at 
the suction system flow quantities employed 
on the X-21A. 

(b) It Is possible that Internal sound was not 
introduced st ths most critical chordwlse 
position. The ducts forward of the front 
spar; I.e., ahead of 15% chord, war« selsctad 
for the duct noise test bscausa of accessi- 
bility. It Is possible that a duct noiae 
test nearer aid-chord would haw« produced some 
affect on laminarlsstion* 

• x 
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It is not currently possible to stste that internal sound 
is a negligible factor in the design of a laminar flow 
wing.    More information regarding the critical disturbance 
frequency and magnitude at the wing surface as a function 
of the relevant boundary layer stability parameters Is 
r•quired« 

It does appear, however,  that the lack of any evidence of 
deterioration in the laminar flow, with sound 10-15 
decibels higher on a spectral basis than the normal duct 
sound pressure levels, provides reasonable assurance that 
internal sound is not a factor of primary concern in the 
maintenance of laminar flow.    A factor of much more concern 
is the disturbance originating with the suction system 
flow itself.    Recent work has been accomplished (Ref.  14) 
showing that improvements in the detail slot-plenum-control 
hole portion of the suction system will permit higher slot 
Reynolds numbers without propagation of oscillating distur- 
bances from the plenum chamber through the slot to the 
boundary layer. 

11.4   Vibration 

( 

'♦_ 

11.41   Natural Environment - X-21A 

Measurements of the natural vibration at several locations 
on the wing were obtained over a wide range of flight condi* 
tions and with the wing possessing both a laminar and tur- 
bulent flow (Ref. 10).    The locations represented typical 
leading and trailing edge structure, the canter structural 
box section and trailing edge access panel a.   TfiiTtrequency 
range was 20-3,000 eps and the manlmum measured overall 
root-mean-square acceleration «as less than two •'•---• 
This manlmum value existed on trailing edge structuHVt 
the 75 percent chord line or wall aft of the rear spar of 
the structural box section.   Most overall accelerations 
were under one g 

Meaaurements ware also obtained on spenwise shear webs 
constructed of plain aluminum sheet and aluminum faced 
honeycomb.   Again, the maxi— overall root-mean-aquare 
ecceleretlon «as last than two i,«ma»   ft* plain honeycomb 
aheet construction displayed aharprtsonant rasponaea 
whereee the honeycomb panels displayed relatively smooth 
tend responses with no sharp resonant peaks. 

N i 
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One of the objectives of these measurements was to 
determine whether the duct wall motion could result in a 
pumping action which would induce high suction slot velocity 
at the «ring surface.    For the honeycomb panels» the broad 
band response precludes any significant web area being in 
phase so that the change in duct volume due to panel motion 
can be disregarded.    For the plain sheet construction, which 
does possess a strong resonant response,  the panel will be 
in phase over distances equal to a half wave length and 
there is a possibility that a local pumping sction could 
result.    However,  conservative analyses showed that the 
induced slot velocity is negligible for the vibration 
smplitudes measured.   Also, there was no discernible evi- 
dence that any deterioration in the maintenance oi laminar 
flow could be related to this pumping action. 

11.42    Forced Vibration - X.21A 

The forced vibration tests were conducted to determine the 
critical frequency bandwidth and magnitude of vlbation 
affecting the maintenance of laminar flow (Ref. 10).    Two 
wing panels were selected to be forcibly vibrated} one 
forward and one aft of the wing structural box section on 
the lower outboard «ring surface.    The panels were selected 
because of their flexibility, accessibility for instrumen- 
tation, space requirements for the electrodynamic shakers 
and the ease with which laminar flow could be readily 
obtained. 

The test frequency range was nominally between 200-2,000 
cps, but due to shaker power limitations, the effective 
test range was between 400 and 1,800 cps.    The test proce- 
dure was to establish laminar flow over the test area of 
the wing and then slowly vary the frequency of vibration 
between the frequency limits.    Figure 11.14 shows the typical 
panel acceleration and velocity responses versus frequency 
for both leading and trailing edge panels. 

The teats were conducted at Mach 0.7 to 0.8 at 40,000 feet. 
Mach 0.6 at 25,000 feet and Mach 0.44 at 3,000 feet.   The 
disturbance velocity ratio, 4w/U», «ma generally between 
1 and 6 x 10*    for these testa, ahown typically by Figure 
11.14 and which la the actual velocity disturbsnce retio for 
the leeding edge panel forced vibration teat at Mach 0.70 
and 40,000 feat. 

■ 
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The effects of forced vibration on the laminar boundary 
layer were recorded by two flush mounted microphones 
located inmediately aft of each vibrated panel, one probe 
microphone located aft of the trailing edge test panel, and 
the trailing edge total pressure probes which measured the 
momentum loss of the boundary layer. 

Figure 11.15 shows the acoustic power spectral density sensed 
by the flush mounted microphone located aft of the trailing 
edge panel at Mach 0.70 and 40,000 feet for both normal 
(no forced vibration)  turbulent and laminar boundary layer 
flow.    This plot graphically displsys the difference in the 
energy content between laminar and fully developed turbulent 
flow.    Figure 11.16 shows the same function as sensed by the 
microphone during the forced vibration test of the leading 
edge panel at the same flight condition.    There is essen- 
tially no difference in the sensed excitstion between the 
normal laminar flow condition and laminar flow with induced 
vibration except at the frequencies of the induced vibration. 

Figure 11.17 shows the change in momentum loss indicated by 
the trailing edge total pressure probes during the forced 
vibration test of the leading edge panel at Mach 0.7 and 40,000 
feet.    The peaks at 280 cps and 460 cps were not repeatable 
in subsequent tests and are attributed to local atmospheric 
conditions or other transient effects not related to the 
panel vibration. 

Figures 11.15 through 11.17 are shown to demonstrate the 
method of determining the effect of the panel vibration on 
the maintenance of laminar flow as well as the teat results 
for this flight condition.    Other flight conditions showed 
essentially the same results. 

11.43 

These tests have shown that for a laminar flow aircraft 
configuration, with the propulsion engines mounted aft of 
the wing and with the wing skin stiffness required by the 
smoothness snd waviness criteria, the normal vibration 
environment will not affect the maintenance of laminar 
flow. These tests have also shown that vibration within 
frequencies between 400 and 1,800 cps, and at magnitudes 
far In excess of the normel vibration environment, did not 
affect the maintenance of laminar flow. 

11.5 Concluaions 

11.51 External Acouatlca 

It has been shown that transition from laminar to turbulent 
flew reaulting from extemel acoustic dlsturbancea la an 

■ 
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extremely complex phenomenon.    The critical acoustic dis- 
turbance is a function of frequency, magnitude, and propa- 
gation direction, and is intimately related to the stability 
of the laminar boundary layer,  suction quantity and chordwise 
distribution and surface roughness.    The necessity of an 
acoustic sensitivity criteria and the factors that must 
be included in its development have been presented.    Wind 
tunnel and X-21A flight test results have been shown as 
functions of the chord length Reynolds number and the ratio 
of the perturbation velocity to the freestream velocity. 
The ramifications of calculating the perturbation velocity 
based on the overall sound pressure level rather than the 
sound pressure level existing within the critical frequency 
bandwidth have been discussed.    The necessity of developing 
methods of establishing the critical  frequency bandwidth 
for acoustical disturbances as functions of the boundary 
layer stability parameters has been stated. 

It has been shown that full chord laminar flow has been 
achieved at all wing stations on the upper surface of the 
X-21A wing at all primary acoustic flight test conditions. 
Also,  full chord laminar flow was achieved on the upper 
inboard wing surface at a chord length Reynolds number of 
47.3 x 10* in an area that was exposed to the highest noise 
level environment existing on the upper wing surface. 

11.52    Internal Acoustics 

A brief review of the internal noise tests conducted in the 
wind tunnel and on the X-21A has been presented.   Also, a 
method of determining the common disturbance perameter,  the 
perturbation velocity at the suction slot-wing surface 
intersection, which is required to compare the results of 
these internal noise tests, has been derived. 

It has been shown that in the X-21A,with Introduced sound 
10-13 decibels higher than the normal duet sound environment, 
there «as no evidence of deterioration of the laminar flow. 
This result is Interpreted as providing reasonable assurance 
that internal sound is not a factor of primary concern in 
the maintenance of laminar flow. 

Of far greater concern is the disturbance originating with 
the suction systmi flow itself.   It has been show» that with 
the X-2U suction system configuration and at slot Reynolds 
numbers above 120-140» suction System flow created a dis- 
turbance at the slot-wing surface intarsactlon that completely 
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dominated the disturbance created by the normal internal 
duct sound pressures.    Further investigation into the 
improvement of the slot-plenum-control hole configuration 
permitting higher slot Reynolds numbers without slot flow 
oscillations has been cited. 

As with the external sound,  there was no evidence during 
the X-21A tests that disturbances originating with internal 
sound had any deleterious effect on the maintenance of 
laminar flow.    However,  the fact that both external and 
internal sound caused transition on every wind tunnel test 
where the effect of sound was investigated, and the lack of 
complete understanding of the transition mechanism and 
relevant parameters involved with acoustically originated 
disturbances emphasise the requirement of a conservative 
approach until this lack of understanding can be overcome. 

11.53    Vibration 

It has been shown that for the X-21A laminar flow aircraft con- 
figuration, with the propulsion engine» mounted aft of the 
wing and with the wing skin stiffness dictated by the 
smoothness and wavlneas criteria, the normal vibration 
environment did not affect the maintenance of laminar flow. 
Also, no deleterious effects on the maintenance of laminar 
flow were detected with forced vibration between 400 and 
1,800 cps and at magnitudes far in excess of the normal 
vibration environment.    Since this frequency bandwidth 
encompasses the range of amplified response for typical 
laminar flow aircraft wing skin panels,  It Is concluded chat 
the normal wing panel vibration Is not a factor of concern 
in the design of a laminar flow aircraft. 

• 
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TABLE I                                                                                         1 

TYPICAL INTERNAL DUCT SOUND PRESSURE LEVELS                                                  1 

Upper Surface                                                                            1 

Duct 
No. 

1      Percent 
Chord 

Location 
 ■' 

Sound Pressure Levels (db)* 
1                    Altitude (ft.) 
1    5-10,000 |    23,000 |     40.000 

8 1       7.7-15 Inboard 112 no 106 
112 |       25-30 I     Inboard 1           ni* I      HI 1          ■■" 

1    143 |       55-60 Outboard 120 t      118 115 
I    201 1       60-67 Outboard 109 1      111 103 

281 81-87 Outboard 116 124 116 
292 88-92 Inboard |           126    ■ 128 121 

1 

Lover Surface 

■ 

Duct 
No. 

Percent 
Chord 

Location Sound Pressure Level (db)* 
Altitude (ft.)                1 

5-10.000          2i,000 4Ö.ÖÖÖ 

501 0-1.2 Outboard 119 117          ! 113 
502 0-1.2 Inboard 123 124 120 
504 1.2-5            I Inboard 120 119         1 118 

.. 505 5-8                1 Outboard 110 HI 113 
506 5-8                1 Inboard 115 122 1 4 
632 44-50            1 Inboard 108         1 103 ... | 
643 55-60           ! Outboard 113         1 112 IDS 
701 81-87 Outboard 108 109 104 | 

* 
Re Cerenced tot    2 

1 
.4            2 

\                 ■ 

1 

I 

1 
1 

1 
^ . 
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Suction from 0.45c to 0.95c,  front slots and 
static pressure orifices sealed, no suction 
upstream of 0.45c. 

Chord Reynolds Number * 7 x 10 
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MODIFIED CHORDWISE DISTRIBUTION 
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CHORDWISE 

DISTRIBUTION 

1.1 1.2 1.3 

SUCTION QUANTITY RATIO ^C-ZC^ 

1.5 

opt. 

FIGURE 11.4 EFFECT OF INCREASED SUCTION ON ACOUSTIC SENSITIVITY 
OF A 30° SWEPT LAMINAR SUCTION WING MODEL 
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Q  Upper Surface 

A Lover Surface 

Clear Symbol Denotes Full Chord Laminar Flow Obtained 

Solid Symbol Denotes No Pull Chord Laminar Flow Obtained 

100 

Chord Length 
Reynolds Number 

x lO"6 

Maximum R.N. For 
Füll Chord 
Laminar Flow 

Wing Sta 
340 

/ 
Mach No. 0.47 
10,000 feet 

Mach No. 0.6 
24,000 feet 

Nach No. 0.75 
40,000 fact 

3 x KT4 5 x 10-4 10-3 

Disturbance Velocity Ratio, Au/U^ 

FIGURE 11.6   CHORD LENGTH REYNOLDS NUMBER ve. DISTURBANCE VELOCITY 
RATIO RESULTING FROM NOEMAL X-21A ACOUSTIC SNVIRONfBNT 
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FIGURE 11.15    ACOUSTIC POWER SPECTRAL DENSITY - LOWER WING SURFACE 
WITH LAMINAR AND TURBULENT FLOW 
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12.1    INTRODUCTION 

The application of laminar flow control to an aircraft results in a 
considerable improvement of flight performance, such as range and 
endurance, compared to an equivalent turbulent aircraft.    The per- 
formance gains ensue from the inherent low friction drag of laminar 
boundary layers maintained on a maximum practicable proportion of 
airplane surfaces. 

The drag reduction of a lamlnarized wing (and empennage, if applicable) 
is composed of a large decrease in minimum profile drag and a minor 
decrease in the drag-due-to-lift portion of the profile drag.    The 
savings in thrust and therefore in fuel flow (due to the reduced wake 
drag) are reduced by the power (and therefore the fuel flow) necessary 
to operate the suction system. 

If a wind tunnel test is conducted to obtain drag data, it need not be 
performed on a lamlnarized model.    The data of a turbulent model are 
valid for a laminar airplane,  if a proper correction is applied to 
account for the changes associated with laminarizing the suction surfaces. 
The procedure of establishing the drag-lift-polar of ai LFC aircraft on 
the basis of turbulent model data is discussed in this sectloaof this 
report. 

C 

12.2    SYMBOLS 

A 

C 

CD 

Cd 

% 

min 

Aspect ratio 

Local streamwise chord, ft 

Drag coefficient • Drag/q    S 

Local drag coefficient « (Drag/unit span)/q   C 

Drag coefficient of turbulent wedge wing areas » Drag/q   S 

Minimum parasite drag coefficient ■ Minimum Drag/a    S 

'S 
Equivalent suction drag coefficient 

V Vo sv j   [, ij (tgit2)-r H 
Wing laminar profile drag coefficient ■ C^ ^^ttad^lialnar'8!»!!« 

Local wing laminar prof 11« drag coefficient ■ 

(Profile drag/unit span)/a C 

MBMic 
* m —~mm?&mmz M, I 
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J 

M 

MF 

P 

»N 

S 

Skin friction coefficient for a turbulent flat plate 

,2.58 .4A/(log10V 

Lift coefficient = Llft/q    S 

Lift coefficient at CD 
■"Din 

Specific heat at constant pressure s 0.25 Btu/lb0R 

Suction quantity coefficient, 3M. 
V p S 
or 

Factor to account for the deviation of the spanwlse lift 
distribution from the ideal elliptical distribution 

Factor to account for the variation of profile drag 
coefficient with lift coefficient 

Factor to account for the deviation of the drag polar fron 
the Initial parabola at values of the lift coefficient 
greater than the laminar limit lift coefficient 

Pressure altitude 

Mechanical work equivalent of heat » 778 ft-lbs/Btu 

Mach number 

Multiplying factor to correct turbulent flat plate friction 
drag for non-zero pressure gradient 

Free stream static pressure, psf 

Total pressure at the compressor face, psf 
3 

Suction air volume flow, ft /sec 

Free stream dynamic pressure, psf 

Reynolds number 

Vlng *?•*, ft* 
■ 

Total temperature at the compressor face, *R 

Free stream static temperature, 0R 

Free stream velocity, fps 
■ 

. 
■ • 
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W Weight flow of suction air at the compressor face, lbs/sec 
2 

or Angle of attack 

"Y Ratio of specific heats >  1.40 

8 Boundary layer momentum thickness 

12.3    DEFINITIONS AND EQUATIONS FOR THE COMPONENTS OF DRAG OF AN LFC AIRPLANE 

The following equation Is used to represent the drag polar of a subsonic 
LFC aircraft; 

L 

s 
where: 

min 
♦ C.2/ (TTAe.) ♦ (C.   - CL      )2 (1 - eJ'/CfrAeJ L 1 L        i-opt .2 2 (Eq. 1) 

Minimum parasite drag coefficient, including the effect of 
min   Mach number 

e,    = Factor to account for the deviation of the spanwise lift 
distribution from the ideal elliptical distribution 

e.   ■ Factor to account for the variation of profile drag coeffi- 
cient with lift coefficient 

CL   - Lift coefficient at C^ 

It is expedient to include in the drag equation the term 

(CL ■ CLoPt)2,(l " e2)/(nAe2) 

isolated fron the other two terns, so that corrections may be made to the 
drag-due-to-lift when operation of the airplane changes from turbulent to 
laminar. It is undesirable to mask this effect by combining it with the 
induced drag due to the wing trailing vortices, which is represented by 
the second tern In the drag polar. 

The procedure to determine the requisite turbulent drag coefficient« and 
efficiency factors from wind tunnel data is the following: The drag 
coefficient for the wing «lone is obtained by subtracting the body drag 
f rcm wing-body drag at equal angles of attack. 

Trimmed drag-lift polars «re prepared in the usual manner by Interpolating 
at equal angles of attack drag, lift and a horisontal stabiliser setting 
for the condition of aero pitching moment. Laminar flow control does not 
have an Influence on the trim condition. 

■ 

• 

■ 
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The wing drag data obtained in the first step are then used to evaluate 
the efficiency factors. The efficiency factor e^ relating the ideal induced 
drag to the actual induced drag of the wing is found from plotting Civ. versus 
CLW^/%A. The slope of the resulting line represents the magnitude of e.. 

Next, the induced wing drag Civ
2Mtei  is subtracted from the trimmed polar 

of the complete airplane. The difference represents a curve (dashed line in 
the sketch below) from which the values of Cnp . and Ct   are obtained. 

^mm     opt 

Ct* 

Finally, the efficiency factor e2 is determined a« the slope of the line 
resulting from plotting the term (CQ * Co» . - C^AAe.) against 
«L - C.  )2. ^■ln        l 

opt 

12.4 PMC REDUCTION DUE TO LAMIHAR OPERATION 

12.4.1 PARASITE DRAG , 

The parasite drag of en airplane operating under laminar flow con 
ditlons consists oft 
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A. Wing drag, composed of: 

1. Laminar wake drag (also referred to as laminar profile drag) 

2. TUrbulent drag of wedge shaped turbulent areas near wing- 
body and wing-nacelle intersections, and at the wing tip. 

B. Tbrbulent drag of the fuselage, nacelles, etc. If the empennage 
is designed turbulent, it is included in item 12.4.1.2. If it 
is designed to incorporate laminar flow, it is included with the 
wing in item 12.4.1.1. 

12.4.1.1 LAMINAR WMCE DRAG 

This is defined, in the conventional manner, as the rate 
of decrease of the momentum of the air that passes over 
the wing. 

C  (S    )      /S 
d   wetted laminar  wing 
w 

(Eq. 2) 

Xhe section drag coefficient, CH , is computed in connec- 
tion with suction requirement calculations. This program 
is discussed elsewhere in this report. Figure 12.1 shows 
section drag coefficients as calculated by a computer 
program for the X-21A which are also suitable for use for 
other LFC aircraft. 

12.4.1.2 TURBULENT WEDGE WING DRAG 

There are certain areas of the wing where laminar flow 
is not expected. These areas are shown in Figure 12.2 
and are noted below: 

a. Wing-fuselage intersection 

b. Wing-nacelle intersection 

c. Wing tip 

The turbulent drag of these areas la determined from; 

<***"****>*****'*** (lq. 3) 

'. 

■ 
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where 

and 

skin friction coefficient for a turbulent 
flat plate 

( 

O 

MF > factor to correct turbulent flat plate 
friction drag for non-zero pressure gradient 

12.4.1.3 WAKE DRAG OF FUSELAGE. H6gMJL BTi 

The drag of the remaining aircraft components is deter- 
mined in the conventional manner for fully turbulent flow. 

The total minimum parasite drag is determined by the 
addition of the various components. 

12.4.2 DRAC-DÜE-TO-LIFT 

Changing fron turbulent to laminar flow conditions on the same 
wing changes not only the minimum profile drag but also the drag- 
due-to-lift. It was previously pointed out that the induced drag 
parabola is not affected since the span loading is unchanged. The 
efficiency factor 82 used to express the variation of the profile 
drag with lift does change. It is established for a laminar air- 
plane according to the following considerations: 

For the range of angles of attack expected for laminar flow cruise, 
configuration trim drag changes; and the change in drag coefficient 
with angle of attack for fuselage, nacelles and empennage is negli- 
gible. The laminar wake drag of the wing is also virtually unaffected 
by a change of the angle of attack, or. However, the drag of the 
turbulent wedges does vary. 

Thus, the efficiency factor •2 for laminar flow conditions is 
derived by correcting the fully turbulent QDp ACL - cLopt)* by 
the ratio Sw#tt#d turbulent/S^^ total, following otherwise the 
procedure outlined in 12.3. 

Finally, it should be pointed out that the dreg-due-to-lift le 
subject to a change as the Reynolds number changes. If lift and 
drag coefficients vary with Rg, the efficiency factors also vary. 
Using this fact, the functional relationship between the e's and 
Reynolds number can be established. Typical results for the X-21A 
are shown In Figure 12.3. 

•. 
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12.5    EQUIVALENT SUCTION DRAG 

If the external aerodynamic drag for a laminar airplane is computed as 
outlined in Section 12.4 and compared with the normal turbulent aircraft 
drag, an appreciable reduction is realized.    This reduction is not obtained 
cost free because of the momentum losses of the suction air as it passes 
through the suction system.    These losses must be restored in the process 
of pumping the air back to the free stream; but, depending upon the effi- 
ciency of the pumping process, varying amounts of energy can be used.    To 
provide a numerical basis for computing pumping requirements and for com- 
paring the "total" drag of an LFC systsm with an otherwise turbulent 
aircraft, the mathematical concept of "equivalent suction drag" has been 
adopted.    Equivalent suction drag is defined as the hypothetical force 
equivalent of the power expenditure in restoring the boundary layer air 
from pumping compressor-face conditions of pressure, temperature and 
velocity to free stream pressure and velocity by an isentropic (friction- 
less) process.    In the practical case, a process employing less than 
perfect efficiency is used, and the exhaust air may, by choice, be pumped 
to greater total energy than ambient.    "Total LFC suction drag" is defined 
as the sum of laminar suction wake drag plus equivalent suction drag. 
Figure 12.4 shows the relative magnitudes of wake drag, equivalent suction 
drag and total drag, together with their variation with suction quantity 
coefficient, CQ, for a 30°  swept suction wind tunnel model. 

In the calculations for aircraft performance, equivalent suction drag, as 
such, is not used.    Rather, the conventional procedure is followed with 
fuel flow to the suction system added to the fuel flow of the propulsion 
system to obtain total aircraft fuel flow, and air bleed from the propul- 
sion system to the suction system causing a change in main-engine propulsion 
system efficiency.    This new fuel flow and efficiency are than used in the 
usual manner. 

The equation for equivalent suction drag is: 

\   "   [VV^O]       [T2 (,«/V^ ■ C| (Eq. 4) 

The variation of the equivalent suction drag with lift has been found to be 
very small for a synmetrical airfoil, and was negligible for the cambered 
airfoil used on the X-21A. 

12.6 LIFT OOirFICIIMT LIMITATIOIifl 

There are limits to the wing lift coefficient above which laminar flow 
cannot be maintained through LFC without special regions of vary high 
suction and without appreciable penalty to the suction system power 
required. Depending en the flight conditions, the limits are manifested 
In the following three criteria: 
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1. M     > 1.04 (component normal to wing element lines)) 

2. incipient laminar boundary layer separation, 

3. surface pressures below minimum suction pressure. 

The first and second criteria arise from the inability of the LFC system 
as designed to impede laminar boundary layer separation under strong 
adverse pressure gradients. The third criterion is associated with the 
limited suction pressure potential of the compressor system used. 

The object of the local Mach number criterion is to exclude conditions of 
shock-induced boundary layer transition. The CL versus Miocai relationship, 
which can be determined from pressure distribution measurements, establishes 
upper lift coefficient limits as a function of free stream Mach number. 

The second criterion, incipient laminar boundary layer separation, marks 
the low speed-low altitude limitation for laminar flow of the suction surface 
as designed. It is associated with relatively modest C^-values and should 
not be confused with incipient wing stall. Turbulent boundary layers have 
the ability to pass through regions of much higher adverse pressure gradients 
and as such promote the attainment of high C^-values essential for take-off 
and landing. 

For conditions of turbulent flow at the higher C^-values, the polar curve 
can be approximated by the equation: 

S ' SXCL limit) * (CL8 ) /TtAe, (Bq. 5) 
limit 

where 

c- ■ factor to account for the deviation of the drag polar from the 
initial parabola. 

For the X-21A, the upper lift coefficient limit was initially estimated to 
be 0.4. Figure 12.5 shows the trimmed drag polar as estimated prior to 
flight test at M • .70, with the effect of lift coefficient limitation also 
shown. It was found during flight tasting that the lift coefficient limit 
of 0.4 could be exceeded and full-chord laminar flow could be obtained on 
the outboard wing. 

The suction drag values Included In Figures 12.3 and 12.6 are computed from 
Equation 4, assuming a prassure Jrop of .05 q,, through the outer skin and 
adding a constant .0005 to account for additional losses In the suction 
system, In accordance with Reference 2. 

■ 

■**MZ\ i.,-, 



CUM 20-7A 
(R.II-«S) 

I 

( 

CNCINCtR 

CNCCKCR 

OATI 

June  1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

MM 

12.09 
MPMT HO. 

NOR 67-136 
MOOCL 

X-21A 

T:.-;   ^vjui'-d    '.'h\S. ...'.^lov  -::     . J4 aV.so  is -i conae-Vocive value and hec 
■.■-e«iif e.-.e-'-vi occasiouaL 1 v  ....     '   g  '   Uajti,^.    T:.e   ■.iilria'   limit  lift: 
coeii-'J-cie1*'   .i   .'* <JI-.;.    . .e   ?' ;:.".-jai iMav! . n.  ■   cr of   I. M  ised  to.establ<.s>i 
ic see coil    Jertci  ivc ;c.i,c    e VH!  Hü   "U   vi.a   'C:AII OJ  i:he lominar 

"■ -(. iar.e. 

12.7    AIRPLANE DRAG 

The drag of a turbulent aircraft can be broken down into wing friction 
drag, drags of the fuselage, empennage and nacelles, and drag-due-to-lift. 
As was previously discussed,  laminar flow control  primarily reduces  the 
wing friction drag, but  it also yields a slight reduction of the section 
drag-due-to-lift.     Both appear as reductions  in the wake drag of   ehe wing. 
There is an additional drag  item, equivalent suction drag, which needs 
only be considered  In computing certain comparative performance parameters, 
such as the lift/drag ratio. 

Figure 12.6  is included to  show the comparison of  laminar and  turbulent drag 
as estimated for the wing and  the total airplane  to  Illustrate the effect 
of full-chord  laminar flow on the X-21A. 

Figure 12.7  is a comparison of turbulent  section drags for the X-21A as 
predicted by Eq.   3 and as determined from boundary  layer rake flight test 
data by means of the compressible flow method (Reference 1).    The good 
agreement evinces the reliability of the prediction method. 

In order to verify  the drag of an LFC wing by  spanwise  integration of 
measured suction drags, a method was developed  to utilize the numerous 
single-tube boundary layer probes at the  trailing edge of  the X-21A as 
section drag indicators.    Section drags at a few spanwise stations were 
determined (for various chordwlse transition locations) from boundary  layer 
rake data and correlated with the wake pressure at the height of  1/4  inch 
above the surface, which corresponded to the vertical position of the 
single-tube probes. 

Figures 12.8 and  12.9    show spanwise pressure distributions for the left 
wing, upper and lower surfaces, of one particular flight, which ware deter- 
mined by the method described above. 
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13.1    SUMMARY 

( 

Based on present day state-of-the-art design of laminar flow control 
systems,   the LFC airplane is restricted to large and heavy aircraft and 
should be designed for satisfactory flying qualities accordingly.    Since 
the LFC system design is based on wing surface pressures,  retention of a 
laminar boundary layer associated with rapid changes in surface pressures 
during maneuvers is beyond the capability of the suction system, although 
laminar flow has been demonstrated during gradual steady turns,   including 
entry and return to level flight,  on the X-21A aircraft. 

Specific areas of design which tend to be different from those of the 
typical turbulent high subsonic speed heavy Jet aircraft are: 

1. Larger design wing area - The reduction in friction drag results In an 
increase in Ung span for the optimum wing configuration for the same 
take-off gross weight as the turbulent airplane. 

2. Narrow chord ailerons • Although the ailerons may be slotted to obtain 
laminar flow for moderate deflections,  the narrow chord results in a 
minimum of interference with laminar flow ovei the wing. 

3. Avoidance of longitudinal instability region for swept-back wings at 
high angles of attack - Leading edge flaps and chordwise fences may be 
incompatible with LFC criteria due to leading edge smoothness.    The 
laminar area requirements may necessitate the use of an angle of attack 
sensor connected to a suitable pilot warning system to avoid pitch-up. 

4. Longitudinal and lateral-directional damping - It is anticipated that 
both longitudinal and lateral-directional artificial damping devices 
will be required to maintain the steady flight condition necessary for 
continuous laminar flow during cruise for swept wing design.    Final 
airframe-autopllot compatibility with laminar flow should be determined 
by flight testing, as is normal new-airframe practice. 

Analysis of wind tunnel and X-21A flight test data has showu  the trim 
changes due to leading edge slot outflow and/or sudden lose of laminar 
flow to be small. 

13.2    INTRODUCTION 

In designing tn LFC aircraft for satisfactory flying qualities,  the question 
arises as to v-Lat influence laminar flow over the wing hat on aircraft con- 
trollability.    In addition the effect of sudden loss of laminar flow on 
either one or both wings raises questions concerning sudden pitching, yaw- 
ing, and rolling moments associated tflth the thickening of the boundary layer 
when transition to turbulent flow occurs. 
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Due to the many slots needed for laminar flow control,  several slots have 
conmon internal ducts.    With large pressure gradients existing on the wing 
surface near the leading edge,  flow will occur from regions of high pressure 
to regions of low pressure when the suction system is inoperative,  resulting 
in outflow near the wing leading edge. 

This report presents the results of studies undertaken to determine the 
effects mentioned above on aircraft flying qualities as well as suggested 
solutions to problems not common to conventional turbulent aircraft.    Re- 
sults from the X-21A flight test program are presented where applicable. 

13.3    SYMBOLS AND NOMENCLATURE 

- 

a oo 

c 

.25c 

L 

m 

M 
oo 

n 

P 

Poo 

«»oo 

Rt/ft 

S 

W 

X 

Free stream speed of sound, ft/sec. 

Wing span, ft. 

Wing chord in the flight direction, ft. 

Wing mean aerodynamic chord in the flight direction, ft. 

Quarter chord of wing mean aerodynamic chord, ft. 

Airplane lift, lbs, L - CLq S 

Airplane pitching moment, ft-lbs. 

Free stream Mach number, M  - U /a 
oo   oo oo 

Load factor, n - L/W 

2 
Static pressure, lb/ft 

2 
Free stream static pressure, lb/ft 

2 
Free stream dynamic pressure, lb/ft , q 

oo 7p    M ■oo   00 

Reynolds number per foot, Re/ft 

.2 Wing area,  ft" 

Free stream velocity, ft/tec 

Airplane weight,  lbs 

DisUnce from the wing leading edge in the chord plane, ft. 

. .      . 
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P 

THOf 

a 

^FRL 

Lift coefficient, CL - L/q.S 

Pitching moment coefficient, C   = m/q^ Sc 

Pressure coefficient,  C   = (p - P^)/^ 

Change in lift coefficient per unit change in or, per degree 

Change in pitching tncment coefficient per unit change in or, per 
degree 

Angle of attack of the zero lift line of the airplane, degrees 

Angle of attack of the fuselage reference line,  degrees 

2 
Free stream kinematic viscosity,  ft /sec 

( 

13.4    TEST REQUIREMENTS AND ANALYSIS OF RESULTS 

In order to establish the aerodynamic data necessary for evaluating aircraft 
flying qualities, a conventional series of high and low speed wind tunnel 
tests employing a scale model Is necessary covering the design Mach number 
and lift coefficient envelopes of the aircraft.    The data to be obtained are 
identical to those for any conventional aircraft,  I.e.,  longitudinal,  lateral 
and directional characteristics and the effect of basic and auxiliary control 
surfaces.    Conventional estimating techniques are adäquate for deter- 
mining the rotary derivatives from the static data. 

As LFC wings in general will not employ standard WACA wing sections, high 
Reynolds number tests arc required to establish airplane maximum lift 
coefficient and longitudinal stability characteristics at high lift.    The 
longitudinal stability characteristics at high angles of attack for the 
case of a swept tapered wing are especially critical due to possible pre- 
mature flow separation at the wing tip and subsequent airplane pitch-up 
as a result of the large center of pressure shift.    Reference 1 has corre- 
lated combinations of wing sweep, aspect ratio and taper ratio to a long!' 
tudlnal stability boundary.    Large high subsonic speed aircraft wings tend 
to optimise for maximum range along this stability boundary and only high 
Reynolds number tests will adequately define these stability characteristics. 
Figure 13.1 shows the effect of Reynolds number on pitching moment and lift 
for an X-21A .06 scale model tested In Ames 12 foot pressure wind tunnel. 

Utilising a conventional atmoapheric low speed wind tunnel at speeds greater 
than landing speeda in an attempt to increase the test Reynolds number can 
lead to erroneous results due to the large wing suction pressure peak en- 
countered at high angles of attack.   The Urge velocity associated with 
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this negative pressure might exceed sonic velocity with a resultant shock 
as the flow decelerates back to a subsonic velocity, completely clouding 
the effects of the increased Reynolds number. 

If the high Reynolds numbur tests indicate the airplane has an unstable 
pitching moment    reak at high angles of attack,  the airplane must be 
equipped with a suitable device to warn the pilot, such as an angle of 
attack vane sensor connected to an audio warning or stick shaker.    This 
device must provide an adequate margin of safety due to the inherent danger 
of encountering a gust during operation at high angles of attack.    Figure 
13.2 shows the programmed stall   warning angle of attack versus Mach number 
for the X-21A airplane as well as the wind tunnel determined angle of attack 
for neutral stability at an airplane center of gravity of .25c.    This 
system has been proven reliable during the flight test program of the X-21A. 

The present surface smoothness requirements for manufacture of the wing 
leading edge make difficult the use of leading edge flaps which have been 
shown to alleviate the unstable pitching moment break.    The use of chord- 
wise fences to prevent the strong spanwise flow out towards the wing tips 
may not be desirable due to the added turbulent wetted area of the fence 
and the chordwise turbulent wedge. 

Analog studies utilising the X-21A aerodynamic characteristics at high angles 
of attack have indicated that once pitch acceleration attains a certain 
value, corrective longitudinal control inputs by the pilot are too late to 
prevent the airplane from attaining large pitch angles.    Figure 13.3 shows 
some typical analog time histories of X-21A airplane flight characteristics 
during pitch-up  for an Initial velocity of 200 ft/sec.    It can be seen that 
full down elevator could not prevent the airplane from rotating to or ■• 29°. 

A slotted two-dimensional swept wing wind tunnel model was used to evaluatei 
(I) the effects of outflow through the leading edge slots on the wing stall 
characteristics and (2)  the effect of complete loss of suction on the wing 
lift and moment.    Figure 13.4 presents the results of   the slot outflow study 
at high angles of attack and shows there Is essentially no change In the 
wing pressure distribution indicating wo lift or moment changes as a result 
of leading edge slot outflow. 

Nsasurement of wing sutface pressures was made for full chord laminar flow 
and for fully turbulent flow.    The results presented In Figure 13«3 show 
that the change In boundary layer thickness does not affect the wing surface 
pressures appreciably.    Therefore, no lift or pitching moment changes will 
occur during sudden loss of laminar flow.    Since no lift change occurs, the 
wing downwash will remain constant and no change In effective tall angle 
of attack will result.   The thickening of the boundary layer will cause a 
small reduction in effective dynamic pressure In the wake, which may be In 
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the vicinity of the horizontal  tail,  but this is believed to be negligible 
as the wing is designed to be much smoother than a conventional  turbulent 
wing and will, therefore, have a thinner turbulent boundary layer.    Ref- 
erence 2 presents the results of an Australian wind tunnel test evaluating 
blowing out of leading edge slots, and the results are consistent with 
Norair findings. 

No steady state control nor trim problems are generated in the extreme 
(and hypothetical)  case of complete loss of laminar flow on one wing.    The 
unequal  friction drag results in first a yawing and then a rolling moment. 
A calculated case for the X-21A at 0.80 Mach number,  40,000 ft. altitude, 
showed that the resulting yawing moment could be balanced by approximately 
4.5° of rudder.    A flight test record shows a maximum angle of roll of 
about 2 degrees following shutdown of the right wing suction system on the 
X-21A airplane. 

Swept wing aircraft operating at high altitudes are very susceptible to 
lateral-directional oscillations so that these aircraft normally employ 
artificial damping devices to meet flying quality specifications.    The 
yawing motion due to a disturbance will change the effective sweep angle 
of both the advancing and trailing wing which will change the crossflow 
component of the boundary layer.    Since the suction quantity necessary for 
laminar flow is a function of the sweep angle,  the possibility of losing 
laminar flow on the wing which trails exists particularly if the suction 
setting is the minimum required for a given sweep angle.    The increased 
drag would tend to aggravate the yawing motion by decreasing the effective 
yaw damping. 

The long period longitudinal mode requires close examination also.    The 
dominant damping term is normally the airplane drag,  but as this tens 
becomes smaller for a laminar flow airplane,  the motion con become diver- 
gent to the point where pilot fatigue becomes a problem.    Furthermore,  the 
constant variation of speed and altitude changes the flight Reynolds number 
which in turn  influences  the boundary layer. 

Based on the above statements, artificial damping of both the Dutch-roll 
and the Phugoid modes is desirable Cor cruise operation of swept laminar 
flow control aircraft.    It Is expected that a flight test program will be 
necessary to uncover any problems which might exist    between airplane dyna- 
mic characteristics and boundary layer stability. 

No problems are anticipated for aileron design for adequate roll control. 
The basic wing structure to house Internal ducting is sufficiently rigid 
that aileron reversal speeds occur outside of the operating envelope of 
the airplane.   The aileron hinge line should be close to the upper surface 
■old Min, which will minimise the upper surface gap and surface discontinuity. 
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even with ailerons deflected several degrees. Suction slots should be 
considered for the ailerons as laminar flow can be maintained across the 
ailerons for small deflections. Figure 15.6 shows the results of a specific 
flight of the X-21A airplane where laminar flow was maintained across the 
aileron hinge. Total pressure probes installed at the wing trailing edge 
were used to determine whether laminar or turbulent flow conditions existed. 

To meet take-off and landing requirements, the LFC aircraft may require 
flaps. Plain flaps are desirable if the required maximum lift coefficient 
can be obtained since the flap hinge line can be designed similar to that 
for the ailerons insuring a smooth surface when the flaps are closed. Even 
more important are the internal duct design features necessary to provide 
for inflow through the flap surface when in the closed position for main- 
tenance of laminar flow. For a plain flap, a bellows can be used to duct 
the flow from the flap area forward into the main wing structure« If take- 
off and/or landing requirements dictate a more sophisticated flap system, 
i.e., slotted. Fowler, etc., where actual slots appear between wing and 
flap when the flap is deflected, consideration should be given to not pro- 
viding for laminar flow on the flap surfaces. Since flap complexity in- 
creases cost, careful analysis should be made comparing laminar area lost 
against reduced suction requirements and lower initial costs. Preliminary 
design studies made by Norair indicate each case must be evaluated separately 
depending upon mission requirements, type of engines available, etc. A 
factor of prime importance is that the drag of the turbulent area is greater 
than that computed by applying the turbulent wing friction drag coefficient 
to the flap area. This is due to two factorst (1) the friction drag 
coefficient must be based on the length Reynolds number on the flap and (2) 
the flap is in the adverse pressure gradient region of the wing where the 
turbulent boundary layer is thicker. 

The application of suction or blowing near the leading edge of a plain flap 
offers a possible solution to obtaining design maximum lift coefficient 
without sacrificing possible wing laminar area. Since the compressor units 
would already be available, it appears that high lift boundary layer control 
could be obtained at little additional cost. Another solution is a flap 
similar to the one shown in the sketch. This allows essentially full-chord 
laminar flow on at least the upper surface with no intervening hinge line. 

^ 
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It is expected that laminar flow control can be applied to the horizontal 
and vertical tail for use during the cruise portion of flight.     There is no 
reason to assume  that sudden loss of laminar flow over any portion of the 
empennage will result in more than a small out-of-trlm condition. 

13.5 CONCLUSIONS 

Results of low speed wind tunnel tests utilizing a slotted two-dimensional 
swept wing model have shown that neither leading edge slot outflow or sudden 
loss of laminar flow will cause control problems on an LFC aircraft. 

The unstable pitching moment associated with certain combinations of sweep, 
aspect ratio and taper ratio at high angles of attack possibly cannot be 
eliminated by conventional methods due to LfC requirements, necessitating 
visual indication and audio warning to the pilot of approach to the pitch 
up region.    LFC aircraft will not be designed for large maneuvering load 
factors and li general will not be operated near the pitch-up region except 
in the landing condition. 

It appears that the lateral-directional and Long period longitudinal dynamic 
motions may require more stringent artificial damping than the minimum con- 
sidered acceptable by pilots for turbulent heavy aircraft during cruise 
operation.    Tltis can only be determined during flight testing by flying 
typical missions.    The period of both motions is of sufficient duration than 
pilot corrective action can be applied and,   therefore,  the airplane dynamics 
do not present a danger to flight safety. 
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14.1 INTRODUCTION 

Design of ice protection systems fcr slotted LFC wing surfaces presents 
design problems and considerations not associated with conventional airfoil 
surfaces.     Icing characteristics of the airfoil with and without suction 
systan operation,  runback refreezing,  and compromises to the internal air 
ducting of the LFC system must be considered.    System concepts generally 
will be limited to large transport type aircraft. 

A minimum amount of development work has been done to date regarding ice 
protection of laminarized wings;  therefore,  the discussion primarily is con- 
cerned with generalized design considerations and anticipated problem areas« 

14.2 DISCUSSION 

It does not appear possible to maintain LFC during an icing encounter be- 
cause the impinging water droplets disrupt leminarization. Therefore, the 
de-icing design condition may not require operation of the suction system. 
The icing characteristics are similar to those of en airfoil without slots. 
The only added consideration for an LFC wing may be ice accumulations with- 
in the slots, which will be discussed later. 

Present day ideas of design and fabrication of LFC wings do not lend them- 
selves to the use of hot air ice protection systems. Not only are the 
bleed air requirements excessive for a transport type aircraft but the 
designs do not appear to be adaptable to the transfer of heat from the air 
to the outer skin. The ducting for the hot sir systan would have to be 
placed in areas used for ducting the LFC air. The double skin passage 
technique for heating the outer skin cannot be used because of the induc- 
tion system of slots, plenum chambers and control holes. 

The use of electrical power to provide ice protection eliminates most of 
the problems associated with hot air systems. The most important advantage 
is the relative ease with which heat may be applied to the outer surface. 
Figure 14.1 presents some of the basic configurations that could be used. 
An electrical ice protection system should he designed for cyclic de-icing 
to minimise the electrical power required, particularly on large transport- 
type aircraft. 

Of course electrical de-icing systems are not without problems, especially 
when used for a leminsrised wing. Because of wing smoothness requirements, 
runback refreesing is an important- consideration. On« possible design 
feature to eliminate this problem would be a small spanwise evaporating 
anti-icing strip located at the «ft «dg« of the impingement «ree. 

Another area of investigation is icing within the slot. If 1c« does form 
in the slot, a cyclic de-icing method possibly could damage the outer skin or 
slot when the pieces of ice leave the wing. Heat can be supplied to the slot 
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edge by conduction with the Installations shovn in Figure 14.1; however, 
it would seem that the ice in the slot would have to be completely melteo 
rather than loosened at the edges if the ice is to leave the slot without 
damaging the skins. An investigation and solution to the problem can best 
be accomplished on a model in an icing wind tunnel. 

With reference to Figure 14.1, the heating blankets are between the outer, 
slotted skin and the inner, honeycomb panel. The heavy dashed lines re- 
present the  electrical heating elements imbedded in a dialectric material 
to form the heating blanket. Design A is a continuous blanket with void 
strips in the heating element pattern at each slot location. The plenums 
and holes are cut into the blanket at the voids or non-headed strips of 
the blanket. Design A is the one selected for the X-21A tests. Design B 
is a continuous blanket with continuous heating element patterns across 
the slot region, and the holes from plenum to duct must be drilled through 
the pattern of heating elements, perhaps rendering the heating elements 
ineffective in the plenum region. Design B has a disadvantage compared 
with Design A in that the heating elements are farther from the surface 
skin. In Design C the heating blanket is made of separate strips that 
are bondcd-on between the plenum regions. Filler strips of adhesive or 
the like must be added between the blanket strips. Design A also was con- 
sidered superior to Design C. 

Figure 14.2 is a sketch made from a reproduction of an x-ray of a portion 
of the X-21A de-icing panel, approximately full sise. The original x-ray, 
which was somewhat more revealing in detail and showed the .063 diameter 
holes spaced .25 apart along the slot lines, no longer is available. The 
sketch shows ifferent wiring patterns for different strips to provide the 
required chc wise distribution of heat density. It also shows provisons 
for clearance of the fasteners at a spanwise splice in the «ring nose panel 
structure. The diagram. Figure 14.2, corresponds to Design A. Typical 
power density of the wiring pattern is 18 watts per square inch. Such a 
design can be with slot spacing ae narrow as .5 inches. 

A design consideration for the beating blanket is the repair or replacement 
of damaged elements. Small local areas of repair may be accomplished by 
removing the outer skin adjacent to the heating blanket while for large 
areas of heating element damage, entire panels may have to be removed and 
rebuilt. Such a major repair can be minimised if considered early in the 
design of the wing structure and associated LFG components. 

One of the X-21A airplanes (AF55-410A) has a de-iced leading «dge test 
section approximately ten (10) feet long located near the outboard end cf 
the left hand wing. The chordwite extent of de-icing is to the fifteen 
(15) percent chordline on the upper surface and the eight (8) percent 
chordline on the lower surface* the upper surface limit was selected to 
provide a heated area aft of the impingement sone to minimise runback re- 
freeslng. The lower surface limit mas chosen to be Just ahead of the 
removable access doors« 
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The X-21A system is a cyclic electrical de-icing heater blanket and associ- 
ated controls. There are twelve (12) cycled elements with a two (2) minute 
complete cycle time. The heaters operate on 115V, 400 cycle. 3 phase power« 
There are three spanwise continuously heated parting strips located on the 
stagnation line and on the upper and lower surfaces. No chordwise parting 
strips are used. 

Design of the de-iced test section was not optimised and is Intended only 
to be a test of one design configuration for a slotted wing. Icing tests 
were planned behind a tanker airplane as well as in natural icing condi- 
tions but no tests were actually conducted. Tests were to have beer, made 
with the LFC suction system ON and OFF to see what effects, if any, there 
are on slot icing and impingement limits. Data recording on the X-2IA 
was to consist of movie cameras to photograph the ice buildup and shedding« 
and the LFC probes located at the trailing edge of the wing behind the 
test lection. 

14.3 CONCLUSIONS 

Ice protection of slotted laminarised wings is possible, although there 
are certain design considerations peculiar to LFC aircraft. To further 
investigate these added requirements and obtain the necessary design data, 
icing tunnel tests are required. Of the systems studied, the cyclic elec- 
trical de-icin^ systems sppear to require the least number of design com- 
promises when integrsted with the LFC system. 
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15.2      SUMMARY 

The successful construction and operation of the X-21A wing 
demonstrate,} that an LFC wing can be made with only a rela- 
tively small sacrifice in structural weight.    The LFC wing 
structural  requirements were, primarily:    a smooth external 
suction surface incorporating external slots and internal 
plenums, holes, and tributary ducts; spanwise suction ducts 
leading to mixing chambers at the pumping pod; and an Integral 
fuel tank in the main box section.    The unit weight of the 
X-21A wing is 9.2 pounds per square foot based on the planform 
area and the weight of both upper and lower surfaces, which 
is considered to be a reasonable value.    The unit weight does 
not include the weight of removable valves, duct connections, 
and pumping equipment in the dry bay and pod region.    These 
items are chargeable to the pumping system.    The weight penalty 
for the wing structure of future LFC aircraft is estimated to 
be less than 6% of the wing weight. 

Structural design concepts and methods have been developed 
for the solution of problems imposed by LFC requirements. 
The development of plenums in the adhesive bonding  of the outer 
skin, LFC panel splices, LFC removable panels, tributary 
ducts and nozzles, transfer nozzle duct systems, an LFC 
aileron, and the use of wing load carrying structure for 
suction ducts are some of the examples. 

In general, the design concepts, analytical methods, and 
manufacturing methods developed are considered applicable 
to future LFC wing designs.    However, the operational life 
and usage of the X-21A have been too limited to adequately 
evaluate material protection techniques necessary to prevent 
corrosion in LFC structure of production aircraft.    Additional 
research and development are desirable if not required in this 
area.    Another development which may modify the present LFC 
wing structure1 concept is the possible use of a perforated 
or porous suction surface instead of slots In the wing nose 
region in order to reduce the strength of boundary layer 
vortices and thereby improve laminarizatlon.    This possible 
development Is contingent upon additional experimental and 
theoretical LFC investigations of large wing nose sections. 
Improvements In panel splice designs and Improvements In 
ducting configuration In the forward regions of the wing 
also appear possible. 
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15.3 INTRODUCTION 

The incorporation of laminar flow by suction Imposes several 
unique requirements in structural design and analysis. This 
section of the report contains a presentation of these require- 
ments, the Northrop approach used to fulfill than on the X-21A, 
and recoranended design improvements and areas of investigation 
for the design of future laminar flew control aircraft. 

It is noted that in the structural design of aircraft, consid- 
eration must be given to manufacturing problems, capabilities, 
and limitations. This is especially significant in an LFC 
airplane where smooth, substantially w.ve-free external surfaces 
are mandatory. Reference 1 contains a further discussion of the 
manufacturing problem. 

15.4 STRUCTURAL DESIGN REQUIREMENTS - X-21A WING 

The X-21A wing principal design requirements were: a very smooth, 
substantially wave-free external surface; suction slots in the 
external skin leading to plenum chambers beneath, with holes in 
the inner skin to conduct the suction air to the suction ducts; 
spanwise suction ducts, a part of the wing load carrying structure, 
to lead the air to the mixing chambers at the suction pod; and 
integral fuel tanks in the wing box region except at the dry bay 
region of the pumping pod. Another criterion was to laminarl*« as 
much of the wing 4s appeared to be practical, including the 
aileron, panel splices, and removable access panels* Originally, 
all suction slots were specified to be spanwise, but the test 
programs showed better laminarisatlon with short chordwiue slots 
along the leading edge flow attachment sons, requiring design 
modifications in that area of the Inboard wing. 

It should be mentioned that the X-21A was designed to a load 
factor 25% greater than normal because no static test was to be 
made. The airplane would than be flown to only 801 of the design 
limit load factor, the usual practice for an airplane prior to 
static test. The design ultimate load factor was 5.1. 

15.5 CBNBRAL DB8CEIPTI0M OF X-2U WIMC STOJCmi ( 

The wing Is the only part of the airplane utilising structure 
peculiar to the LPG concept. The wing outboard of the side of 
the fuselage consists of a main structural box (Fig. 15.1), the 
original leading edge section forward of the front spar (Fig* 
15.2), and a trailing edge section aft of the rear spar (Fig. 
15.3). The main structural box, which also functions as an 
Integral fuel call, Is composed of two spars, chordwlse rlba, 
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15.5 GENERAL DESCRIPTION OF X-21A WING STRUCTURE (Cont'd.) 

and upper and lower covers. Each cover consists of an inner and 
outer honeycomb sandwich structure separated by I-shaped and 
V-shaped stringers 1.5 to 2.0 inches in depth. The ducts formed 
in this manner are used as a flow path for the suction air. The 
external air is sucked through nominally .006-inch wide slots 
cut along spanwise lines in an outer skin which is .020 to .025 
inch thick. The outer skin is bonded to the outer face of the 
outer honeycomb sandwich panel. The adhesive used for this bond 
is the Minnesota Mining and Manufacturing Company's AF-32, as 
described in Norair Process Specification MA-76F. An .023-inch 
tape is bonded to the sandwich panel, plenum chambers are machined 
into the adhesive, an .003-inch tape is applied, and the outer 
skin is bonded on. The final glueline thickness varies from .020 
to .024 inch with the plenums machined into it being .188 inch 
wide and .0135 to .0165 inch deep. To provide for suction of the 
air from these small plenum chambers into the main ducts, holes 
.062 inch in diameter at .25 inch spacing are drilled through the 
outer sandwich panel (see Figure 15.4). Tributary ducts, bonded 
to the panels, serve to regulate the inflow of suction air into 
the duct and direct it downstream in the duct. 

The leading and trailing edge sections (forward and aft of the 
front and rear spars respectively) incorporate honeycomb sandwich 
skins which are slotted and drilled in a manner similar to tnat 
of the main box. Full depth, canted, spanwise shear webs of 
honeycomb sandwich construction function as spanwise duct walls 
and as continuous chordwise rib trusses. In the outer bonded 
panels, non-perforated honeycomb core Is required to prevent 
crossflow between adjacent suction holes and ducts. This neces- 
sitates the use of an adhesive with extremely low volatile content. 
The adhesive used for this bond is the Blooalngdale Rubber Company's 
FM-61, as described in Norair Process Specification MA-76F. 

15.6 DESIGN ANALYSIS - X-21A WING 

The external smoothness requirements were met by the extensive 
use of honeycomb sandwich structure, which Is non-buckling to 
ultimate load and has relatively low deflection« under external 
pressure loads, and by the development of manufacturing techniques 
to keep manufacturing tolerances to a minimum (see Reference 1). 

Early In the program It was planned to machine the plenum chsmbers 
In the outer sheet of the honeycomb sandwich panels.    la the 
thicker gauges, no material would have been added to the Inside 
of this sheet.    In the thinner gauges such aa those used in the 
leading edge and trailing edge structure, additional material 
would have been left under the plenum chsmbers by starting with 
thicker skin and machining it down between these plenum chsmbers. 
Requirsments for more closely spaced slots made machining between the 
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15.6      DESIGN ANALYSIS - X-21A WIMG   (Cont<d.) 

plenum chambers Impractical.    This resulted In a condition wherein 
excess metal was provided between the plenum chambers, and an 
undesirable stress concentration occurred at the plenum chambers, 
where the skin was thinner.    A row of holes further reduced the 
net area.    A design where the plenum chambers were machined in a 
thicker glueline,  leaving a constant thickness of face skin, was 
investigated, and it was found that, with the use of a thermal 
setting adhesive such a design resulted in a practical  structure. 
The external smoothness was even better than had previously been 
obtained,  since the thick glueline could compensate for minor 
variations in smoothness of the honeycomb sandwich. 

Tests conducted under a USAF boundary layer control  research 
contract to determine the efficiency and torsional stiffness of 
a structural box with inner and outer skin separated by I-shaped 
ctiffeners, with internal  ribs only between the inner skint, 
showed that such structures can transfer torsional shear between 
inner and outer skins.    In these tests, I-shaped stiffeners were 
used at approximately 3.0 inch spacing to stabilise the compres- 
sion covers and to act as ribs (by Vierendeel truss action)  to 
distribute shear stresses to both the inner and outer covers. 
In the X-21A, a combination of I- and V-shaped stiffeners «ras 
used at 6.0 to  10.0 inch spacings,  but the use of heavier stif- 
feners and the ability of a V-shape to transfer shear as a truss 
instead of only by bending provided a positive load path between 
outer and inner covers and eliminated any Vierendee1   truss type 
bending. 

Once it had been established that the internal structure could 
satisfactorily redistribute local airloads and inertia loads, and 
the usual assumptions that plan« sections remained plane In 
bending and the entire section rotated as a unit war« valid, 
conventional methods of internal  load distribution war« followed. 

The primary shear flow and banding stress distribution« were 
determined using th« standard Northrop tapered beam "Mc/I"flexure 
formula programed on th« 7090 computer, handling th« «ffects of 
sweep and «haar lag in the conventional manner of applying 
effectivity factors Co the various banding itm areas.    Since the 
Inboard wing «action« actually contain 31 cells «nd «inc« thi« 
program wa« set up for a maximum of 29 call«,  some lumping of 
th« smaller call« wa« n«c««««ry.    Although th« accuracy lost in 
thi« procoss 1« undoubtedly small, th« unluaplng proc««« of 
adjuatlng th« shear flow« for «11 of th« num«rous ««ctlons «nd 
condition« wa« troublesome and time consuming.    Th« 29 c«ll limit 
«a« impo««d by th« limitation of the 704 computor for which th« 
program wa« originally made.    Th« 7090 do«« not hav« thi« «am« 
limitation, so th« program should b« revised for future aircraft. 
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15.6      DESIGN ANALYSIS  - X-21A WING  (Cont'd.) 

The main box cover assemblies are subjected to secondary bending 
and shear as a result of their being supported intermittently at 
the discrete ribs.    On the X-21A wing,  these secondary bending 
effects were calculated for each stringer and adjacent cover skin 
using beam column formulas for a single fixed ended bay symme- 
trically loaded.    The effects of bending curvature, initial 
curvature and normal  running loads are included.    For future 
designs it would be desirable to establish procedures and programs 
for solution on electronic computers.    Some thought might also 
be given to combining the primary and secondary bending loads 
calculations into one computer run.    At present,  the entering 
of the primary bending results into  the secondary herding calcu- 
lations is a tedious and time consuming task. 

For the analysis of the honeycomb cover panels, direct reading 
allowable curves  for (1) edgewise compression,  (2) edgewise shear, 
and (3) edgewise bending, have been prepared.    The curves for 
panel buckling due to edgewise compression and edgewine shear 
were developed directly from the information presented in the 
preliminary  issue of Part III of MIL-HDBK-23.    They show the 
allowable facing stress as a function of two parameters, A} and 
A2.    These parameters are • function of panel geometry,  facing 
thicknesses,  core height and core shear modulus.    By presenting 
the design curves in this form,  the iterative procedure that is 
required to use the general curves presented In Part III of 
MIL-HDBK-23 Is eliminated.    Curves have been prepared for various 
aspect ratios, and two ratios of spanwise to chordwise bending 
have been developed from the information presented in a Forest 
Products Laboratory report, and are In the same form as those 
for edgewise compression and edgewise shear. 

The inner upper cover panels or. the X-21A wing are subjected to 
fuel pressure loads as well as axial compression resulting trom 
wing bending.    For the loads and panel proportions used on the 
X-21A wing, these panels are not critical for buckling but will 
fall due to htm column type loads which result In facing or cor« 
stress which exceeds the material allowables.    In this case» the 
addition of edgewise load to the panel, subjected to normal 
pressure, results in a msgniflcstlon of the stresses due to 
normal pressure.    From Forest Product Laboratory reports and 
other references,  this magnification factor can be determined. 
The net stresses are then the sum of the signified stresses and 
the edgewise coayrassion stress*   Since there appears to be 
little or no theoretical work backed by test ;nformstlon available 
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15.6 DESIGN ANALYSIS - X-21A WING (Cont'd.) 

for this type of combined loading, it is believed that this is 
an area where some fairly extensive investigations are warranted. 

Another interesting problem in the X-21A analysis was the inter- 
action between the compressor pod and the wing structure. Since 
the compressor pod is constructed as an integral part of the wing 
structure, the result is a structure of multiple redundancy. The 
primary mass of the GTMC (high pressure or main pumping unit) is 
located very near to the wing trailing edge. During a dynamic 
gust type of condition, this mass in the pod is subjected to a 
13 g down load. In addition to this type of loading, another 
type of loading develops as a result of the large cutouts in the 
lower cover and the canted webs directly above the pel. Since 
the shear stiffness of these members is so drastically reduced, 
it is assumed that the sides of the pod and come effective trail- 
ing edge width, directly over the side of the pod, act as ribs to 
unload all of the shears carried in the trailing edge forward into 
the main box. This problem was solved on the 7090 computer using 
a Northroo Matrix Deflection Method.                             1 

15.7 SPECIFIC DESIGN DETAILS OF X-21A WING AND SUGGESTED REVISIONS FOR 
1            FUTURE LFC WING DESIGN - DEVELOPMENT 1 

15.7.1 Main Structural Box (Refer to Fiaure« 15.1 and 15.5. 
Typical Cross Sections) 

The dual requirements of spanwise suction ducts and 
integral fuel tanks clearly lead to the design choice 
of double skin panel cover assemblies. The outer and 
inner panels form duct boundaries and the inside surface 
of the inner panels forms a fuel tank boundary. The 
front and rear spars for« the fore and aft boundaries 
of the main box and the fuel tanks, with the spar caps 
acting also as air duct boundaries. 

Stringers are required in order to stabilise the outer 
and inner skin panel« as well as to partition the suction 
ducts, which oust be sealed relative to «ach other. 
Since suction air oust be transferred spanwise via these 
stringer ducts to the compressor pods, the us« of full 
depth ribs Is not practical. Thus, the stringers are 
also used to transfer tors ions 1 shear loads between the 
outer and Inner panels. Conventional stringers with 
single web» normal to the wing contour, such as "I," "C," 
and MZN sections, are not capable of providing the required 
torsional shear continuity between ribs and outer panels 
except by Vierendeel truss action which necessitates either 
close stringer spacing or thick webbed stringers. Close 
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15.7.1 Main Structural Box (Cont'd.) 

stringer spacing has the disadvantage of inefficient 
location of wing primary bending material along with 
introducing local moments into the outer panel.    Wide 
stringer spacing (with thick webs) has the drawback of 
introducing higher local moments into the outer skin 
panels yielding undesirable stress concentrations with 
attendant reduction in fatigue life.    In order to 
circumvent these problems,   "V" stringers which permit 
shear transfer from the ribs to the outer skin panels 
with essentially pure shear load at the outer skin 
panel were utilized on the X-21A (see Figure 15.6).    A 
secondary function of two of these stringers was their 
use as fuel vents. 

The cover assemblies are stabilized by conventional 
means of chordwise ribs, which have stiffeners backing 
up the "V" stringers to minimize rib cap secondary 
bending and have cutouts for fuel transfer. 

The inner skin panels» which serve as fuel tank boun- 
daries as welt as duct boundaries, must withstand high 
normal pressure loads in addition to tue axial and trans- 
verse loads imposed by wing bending and torsion.    On the 
X-21A the inner skins were designed as honeycomb sandwich 
panels with aluminum alloy facings and with the core 
crushed in the area of stringer attachments.    The non- 
buckling panel design was chosen in order to prevent 
possible vibration disturbances that might feed through 
tc the boundary layer and affect laminarisation adversely. 
The precaution may have been unnecessary.    Subsequent 
flight tests of the X-2IA airplane showed no loss in 
laminarisation due to mechanically forced vibration of 
panels.    Consequently, an alternate design using thin 
inner panels might n-ve been equally satisfactory. 

The alternate design for the inner panels consists of 
thin buckling skins which carry fuel pressure loads in 
diaphragm action.    Pads are required in this version of the 
design to satisfy fastener bearing and net section require- 
ments.    The panels may be milled chemically or mechanically, 
or have bonded-on doublers (tee Figure 15.7). 

15.7.2 Leadlnt Edge legion (Forward ot Front Spar) 

13.7.2.1 Structural Configuration In Leading Idge Region - 
General 

The leading edge structure on the X-21A la unique 
in that It consists of outer skin panels end Inner 
diagonal webs arranged to form a chordwise truss 
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15.7.2.1 Structural Configuratlou in Leading Edge Region - 
General (Cont'd.) 

cantilevered off the main structural box (see 
Figure 15.2). This concept was chosen because 
it allowed maximum utilization of the cross 
sectional area for ducting by eliminating the 
requirement for ribs. 

The internal diagonal members were designed as 
non-buckling honeycomb panels in order to with- 
stand truss compression loads combined with normal 
loads due to differential pressures. A secondary 
consideration was to minimize panel vibration. As 
mentioned in the preceding part 15.7.1, subsequent 
flight tests of the X-21A airplane showed no loss 
in laminarization due to mechanically forced vibra- 
tion of panels. 

Several problems were experienced with this type of 
truss structure. 

1. The surface-to-surface web structure was diffi- 
cult to build to the limits required to hold 
exterior surface smoothness. 

2. The combined loading on the webs, normal loads 
from duct pressure and axial loads from rib 
loading, resulted in heavier webs than antici- 
pated . 

3. The routing of the air from a forward duct back 
through all of the webs and ducts aft of It 
resulted in a congested area at the suction pod 
and onu which was difficult to seal properly. 

4. Leaks in the ducts were found to be difficult 
to seal after final assembly. 

3. Access to all but the aft duct ia limited after 
final assembly. 

6. Inspection of the ducts for corrosion and/or 
fatigue cracks, a requireswnt on production 
aircraft, would be difficult with this struc- 
tural arrangement. 

- 
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15.7.2.1 Structural Configuration in Leading Edge Region 
General (Cont'd.) 

( 

These problems might be lessened in a future design 
by the use of a double-skinned structure instead of 
a diagonal truss configuration. The double-skinned 
design is shown in Figure 15.8. The double-skinned 
design would provide better control of the surface 
contour; suction air from the forward ducts would 
not be ducted through the other leading edge ducts 
in the dry bay region; and better access to ducts 
would be provided for inspection and sealing. The 
wing nose suction surface may be either slotted or 
perforated, but in either case the flow attachment 
zone leads to a single nose duct rather than to a 
split nose duct arrangement as in the original 
X-21A design. As shown in Figure 15.8, the wing 
nose is slotted, with chordwise slots along the 
stagnation or flow attachment zone. The plenums 
beneath the chordwise slots lead to the spanwise 
plenums and tributary ducts of the first spanwise 
slots. A further discussion of chordwise slots 
is presented in Section 3.3. 

Disadvantages of the double-skinned design are the 
shear ties between the outer and inner panels, and 
the two layers of doors required for access to the 
inner portion of the structure after assembly. A 
comprehensive analysis and comparison of the truss 
and the double-skinned designs are required for 
determining the better choice for future LFC air- 
craft. 

15.7.2.2 Slot Spacing in Leading Edee Region 

The steep pressure gradients In the nose section 
lead to the dual requirements of close slot spacing 
and narrow ducts. Nose splitter flange widths had 
to be held to a minimum to keep from exceeding slot 
spacing requirements. In certain areas, it was 
necessary to have slots closer together than the 
width of a tributary duct (.50 Inch). In these 
cases special double tributary ducts were fabri- 
cated by cutting and splicing standard tributary 
ducts, as shown 1« the nose area of Figure 15.2. 
In order to achieve en additional pressure drop In 
certain areas, a second plenum chamber with meter- 
ing holes was located between panel and tributary 
ducts as shown on the sea« Illustration. 
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15.7.2.2 Slot Spacing in Leading Edge Region (Cont'd.) 

The mlnlnum slot spacing which can be allowed 
structurally is determined by the following 
considerations: 

1. There must be sufficient land remaining between 
the plenum chambers to adequately bond the 
strip of slotted skin between the slots. 

2. There must be sufficient space within the slot 
pattern (but not necessarily between two adja- 
cent slots) to adequately splice the skin panels. 

3. On highly curved panels such as the nose panel, 
the slot spacing must be determined by clearance 
between tributary ducts on the inner surface of 
the panel because that distance becomes appreci- 
ably less than the slot spacing on the outer 
surface. 

15.7.2.3 Scab-On Revision to Leading Edge - X-21A Airplane 

During the flight test program of the X-21A air- 
plane, a "scab-on" revision to the flow attachment 
zone of the inboard leading edge region of the 
second airplane (AF 55-4IOA) resulted in ouch 
improved laminarization. The scab-on section 
Included a sat Her leading edge radius and chord- 
wise slots spaced .75 inch«« apart. The revision 
is described in detail In Section 3.3, and a 
sketch of a typical cross-section of the revision 
is shown in Figure 15.9. 

15.7.2.4 Finely Perforated or Porous Suction Surfaces In 
the Wing Noae Region 

Because ouch of the boundary layer disturbance 
on the X-21A airplane appears to originate in the 
wing nose region, it has been suggested that 
additional improvements in laminarization might 
be made by the use of finely perforated or porous 
suction surfaces in the wing nose region. The 
finely perforated surface would more nearly approach 
the ideal condition of distributed auction end 
presumably «rau Id decrease the strength of boundary 
layer vortices that occur on swept LFC wing nose 
sections with «lotted suction surfaces. The aero- 
dynemic analysis and structural design of the 
perforated or porous wing nose may be the subject 
of future research and development. 
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15.7.3 Trailing Edge Region (Aft of Rear Soar) 

15.7.3.1 Structural Configuration In Trailing Edge Region - 
General 

The problems encountered in the design of the 
trailing edge of the X-21A airplane were for the 
most part the same as those already discussed in 
the section on the leading edge. The structure 
was the same as that of the leading edge, trussed 
honeycomb sandwich webs with honeycomb sandwich 
skins, cantilevered off the main box (see Figure 
15.3). 

Although the allowable waviness on the trailing 
edge was greater than that on the leading edge, 
more deviations from tolerances were experienced. 
This was due partly to the greater size and flatter 
panels, partly to design, and partly to tooling. 

A wave occurred near the trailing edge where the 
honeycomb core was dropped off because there was 
not enough depth between upper and lower surfaces 
to allow its continuation, resulting In a reduction 
in panel stiffness. In a new design, the core 
could be feathered, rather than stopping short, or 
the area could be supported by a web between the 
two skins. 

15.7.3.2 Transfer Ducting 

The geometry of the trailirg edge and aileron 
necessitates the transfer of air fron the aft low 
volume ducts and non-continuous ducts (in the 
aileron and outboard of the aileron) into the 
larger, more forward ducts. On the X-21A, this 
transfer Is accomplished through nozzles, the 
most complex of which are shown In Figure 15.10. 

15.7.3.3 Movable Surfaces 

One of the objectives of the X-21A program was to 
demonstrate the attainment of lemlnar flow «cross 
a movable surface auch as an aileron or flap in a 
range of low deflections. In order to accomplish 
this, the aileron hinge area had to be designed 
so that it would remain fair and sealed to the 
adjacent trailing structure. Any leakage of air 
from lower to upper surfece through the hinge 
would upset the boundary layer and ceuse turbulence 
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15.7.3.3 Movable Surfaces (Cont'd.) 

from there aft. The design of the hinge area is 
shown in Figure 15.11. _ 

The aileron hinge is of the continuous type and 
is on the upper surface. A continuous hinge was 
chosen over individually-spaced hinge points to 
prevent differential deflections between aileron 
and trailing structure which would result in steps 
in the surface. The hinge and its attachment to 
the trailing structure were designed to be flexi- 
ble so that the hinge could roll and still remain 
relatively fair with the surface whenever the 
aileron is deflected while the wing is bent by 
flight loads. The hinge is sealed against air 
leaks by a flap of rubber attached to the trailing 
structure, and wiping the aileron spar so that any 
pressure difference which tends to cause outflow 
through the hinge will force the seal up tight 
and prevent the outflow. Laminar flow was achieved 
over part, but not all, of the span of the aileron 
upper surface. 

The lower surface of the original design was 
faired and sealed by a thin steel wiper overhung 
from the trailing structure and riding on the 
leading edge radius of the aileron. The trailing 
edge of the thin steel wiper was wavy rather than 
straight and thus unsatisfactory. During the 
flight test program, the thin steel wiper was 
replaced with a thicker aluminum strip, which was 
in effect an extension of the aluminum skin farther 
forward. The aft edge of the aluminum strip was 
beveled to minimise the step height at contact with 
the aileron* The aluminum strip was much straighter 
than the steel wiper, resulting in laminar flow 
across the lower surface of the aileron in the 
revised area. The original rather than the revised 
wiper strip is shown in Figure 15.11. The revised 
aileron wiping seal and an example of the laminar!- 
tation across the revised strip are shown in Figure 
15.12. 

The aileron actuator is mounted externally because 
burying it within the trailing structure would have 
meant considerable compromise of the internal duct- 
ing. In future designs, it may be possible to put 
the actuators inside without coopromlsing the ducts 
if the trailing edge structure is of s type similar 
to that of the X-21A main box. This placement would 
make maintenence on the actuator considerably more 
difficult, however, since access would be through 
two levels of doors (airfoil surface and Inner duct 
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1                                                  15.7.3.3 Movable Surfaces (Cont'd.) 

1                                                                   The incorporation of flaps on a future design 
1                                                                   may be accomplished in a manner similar to the 
1                                                                X-21A aileron if the flaps used are the simple 
1                                                                drooped trailing edge type. 

1                                                                   The aileron structure is of conventional  type 
1                                                                   consisting of upper and  lower skins, a front 
|                                                                spar, rib* and two auxiliary spars (one full 
1                                                                 span and one partial span).    The ribs are used 
1                                                                   to break the aileron up into suction areas, each 
1                                                                   area having its own take-off duct and transfer 
1                                                                   nozzle.     The upper and  lower surfaces are not 
1                                                                   isolated fron each other but are sucked directly 
1                                                                   into the  same duct.    The air sucked off the 
1                                                                   aileron surfaces is ducted forward  through the 
|                                                                   aileron front  spar, through bellows ducts into 
I                                                                   a transfer nozzle which exhausts  into the trail- 
I                                                                   ing suction duct immediately forward of the 
1                                                                   aileron.    Access to these ducts is provided by 
I                                                                making the lower wiper seal removable. 

1                               15.7.4    Outer Skin Panel Splices and Access Panel» 

1                                               15.7.4.1 Chordwise Solices - Oriainal X-21A Design 

1                                                                In addition to normal design requirements for 
1                                                                outer skin panel splices, the addition of LFC 
1                                                                also imposes the design criteria of continuity 
1                                                                of slots, suction holes and plenum chambers 
1                                                                (i.e., suction system continuity)  across Joints. 

1                                                                A typical double shear typ« splice Is shown in 
1                                                                Figure 15.13 with attachments flush In the outer 
1                                                              splice plate.    Plenum chambers are allied in the 
1                                                             outer splice plate, suction hole« are drilled 
1                                                              through the splice plates and panels, and slots 
1                                                               are sawed In the light cover skin which Is cold- 
1                                                             bonded to the outer splice plat« subsequent to               I 
1                                                             assembly of the Joints.                                                           I 

1                                                             An alternate version, us«d primarily for door 
1                                                           panel attachments, has fasteners installed after 
1                                                             bonding of the cover skin and subsequently filled 
1                                                           and smoothed with a suitable putty-like sealant. 

. _ —.— 
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15.7.4.1 Chordwlse Splices - Original X-21A Design (Cont'd.) 

Interference fit fasteners are used for fixed 
splices to keep joint deflection tö a minimum 
and to ensure maximum fatigue life. From a 
manufacturing standpoint, it is not practical 
to join the panels with no gap at the outer 
skins. Therefore, filled gaps must be provided. 
These gaps are filled and slots are sawed through 
the filler material. In order to provide for 
joint deflections under load, and to maintain 
slot continuity and surface smoothness, thin 
"slits" are provided at the joint. "Slits" are 
provided by installing shim stock coated with 
the proper parting agent into the gaps prior to 
injecting an epoxy-type putty and removing the 
shims after curing of the putty. The filler 
material is sanded to the proper surface smooth- 
ness and slots are sawed through the gap filler 
material. 

The maximum permissible width of filler gaps is 
governed by the maximum allowable length of a 
plenum chamber which is only as wide as the slot 
and as deep as the normal plenum chamber. Con- 
siderrtion must be given to the fact that instal- 
ls ion of putty-consistency filler material will 
block the plenum chamber in the panel for approxi- 
mately .10 inch (when slit Is oriented on splice 
plate side of gap as shown in Figure 15.13). The 
minimum width of gap to be filled is governed by 
the practical considerations of filling the gap 
and providing the slit. 

Suction slot location and spacing design require- 
ments ere closely related to the structural design 
requirements at the outer skin panel chordwlse 
splices. The location of slots Immediately adja- 
cent to stringers and spar caps Is governed by 
fastener and flange width requIrenents at the 
stringer and spar cap splices. The minimum slot- 
spacing between stringers is governed by the 
fastener diameters and types required for the skin 
panel and the tributary duct configuration adopted. 

15.7.4.2 Suaaested Revision to Chordwlse SollceV^ 

The flight teat program showed that the chordwlse 
splices as originally designed are a source of 
boundary layer disturbance and are not entirely 
satisfactory for the LFC airplane. As a result, 
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15.7.4.2 Suggested Revision to Chordwise Splices (Cont'd.) 

a relatively simple improvement to the chordwise 
splice was designed and was flight tested on the 
X-21A airplane and found to be structurally satis- 
factory.    The improvement is a spanwise overlap 
of the outer skin of the splice strip, with the 
overlap portion bonded onto the mating panels. 
The outer skin of the splice strip then takes 
part of the loads and deflections of the joint 
and reduces the sit« and deflections of the 
surface gap between the panel and the chordwise 
splice strip.    A sketch of the improved joint is 
shown in Figuie 15.14.    Additional  research and 
development of the luproved splice,  including 
fatigue testing,  are recotonended before it is 
applied to a new LFC wing design. 

Another, obvious, way to reduce the problem of 
chordwise splices in a new LFC wing design is 
to make the panels as long as possible,  thereby 
minimising the number of chordwise splices. 

15.7.4.3 Spanwisa Splices 

Surface waves of appreciable magnitude were created 
at the spanwise splices of the surface panels at 
the front and rear spars of the X-21A airplane 
because of difficulty in matching the contour and 
surface height of the edges of the mating panels. 
Recommendations for Improved spanwise splice Joints 
include making the panels oversize and then cutting 
off the flat edge region, thereby providing the 
proper surface curvature at the edge of the panel. 
Another improvmuent is machining the mating over- 
lap portion after bonding instead of before bond- 
ing. A third improvement is the application and 
curing of plastic or liquid shims on final assembly 
while the panels are held in place against contour 
boards. The last improvement described is shown 
in the sketch of a panel Joint in the front spar 
region in Figure 15«IS* 

The deflections of the surface gap of the spanwise 
splice are believed to be no problem to leminari- 
sation because, in contrast to the chordwise 
splices, no suction slots cross the spanwise splices* 
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15.7.4.4 Access Panels 

The general LFC requirements for access panels 
on the suction surfaces are the same as those 
of tht fixed chordwise and spanwise splice joints. 
Therefore, the suggestions of the preceding para- 
graphs should be incorporated in the design of 
access panels, as far as possible.  The removable 
panels on the X-21A wing lower surface, as shown 
in Figures 15.2 and 15.3, usually appeared to be 
satisfactory; but they may be subject to improve- 
ment, as were the fixed panel joints. 

15.7.5 Compressor Pod and Drv Bav Area 

In the region of the compressor pods, dry bays are required 
in which air from the stringer suction ducts must be trans- 
ferred to the low pressure and high pressure mixing chambers. 
On the X-21A this was achieved by means of transfer ducts 
which attach to "duct outlet" panels. The "duct outlet" 
panels are removable inner panels which have cutouts between 
each stringer permitting the required air transfer. 

"Deflector«," and "splitters" were required to direct the 
airflow into the transfer ducts and also to separate the 
flow between the outboard stringer ducts and Inboard 
stringer ducts. The deflectors and splitters are notched 
around tributary ducts and tributary duct ramps, and are 
cold-bonded to the outer skin panel. Gaps around the 
periphery of the stringer ducts are sealed to withstand a 
pressure differential (.pproxiofttely 2 psi in order to 
prevent spanwise flow between stringer ducts. Tributary 
duct ramps are provided locally in the area of the splitters 
to direct the airflow into the transfer ducts. Local fair- 
ing strips are cold-bonded to the duct outlet panels and 
stringer inner flanges to prevent flow disturbances in the 
duct transfer areas caused by sharp edges or nutplates and 
bolt protrusions into the ducts. Rigid polyurethane blocks, 
notched to clear obstructions, were used for this purpose 
on the X-21A (refer to Figure 15.16). 

Large cutouts ere provided In both the front and rear spar 
webs to allow transfer of the suction air aft to the com- 
pressor. Shear continuity for the spars was maintained by 
normal methods of local web reinforcement, thick plate 
design, or local truss work. 

IF 
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15.7.5 Compressor Pod and Dry Bay Area (Cont'd.) 

For assembly and Installation requirements, the transfer 
ducts are split at the spar webs to simplify installation. 

The basic design concepts used in the compressor pod and 
dry bay areas of the X-21A, as described atove, are con- 
sidered adequate for further applications. Minor revisions, 
however, are in order to improve accessibility to valves 
and ether equipment stored in this area. 

15.7.6 Integral Fuel Tank Inspection 

The requirement of an LEG wing to have spanwise suction 
ducts immediately beneath the outer skin panels causes the 
upper and lower boundaries of a wing integral fuel tank to 
be some distance from the outer mold lines and, therefore, 
not externally visible. The normal fuel tank check-out 
methods (i.e., internal pressurization of the fuel tank, 
along with the use of bubble solution to obtain a visual 
inspection) cannot be used to inspect the upper and lover 
boundaries of an LFC wing. 

It is necessary, therefore, to employ some other method of 
inspection to check the sealing integrity of an LFC wing 
integral fuel tank. One such method, which was used on 
the X-21A wing, is a no pressure drop test over some 
selected period of time. The first step is to pressurise 
the tank to a pressure within the safe limits of the 
structure and visually inspect the periphery of the tank 
(spars and end ribs) with bubble solution. This procedure 
is repeated until all leaks on the periphery of the tank 
have been located and repaired. The tank is then pressurised 
to a pressure compatible with the fuel system operating 
pressure and held for the previously selected period of time. 
If the tank shows a prensure drop indicating a leak, it Is 
necessary to inspect the upper and lower boundaries. This 
is done by covering the slots on the outer surface of the 
wing and pressurising the spanwise suction ducts to a 
pressure within the safe limits of the structure. Using 
bubble solution visually Inspect the Interior of the tank 
to locate and repair all leaks. The no pressure drop stand 
test can then be rapsated to verify that all leaks have been 
found and repaired. 

A valuable aid to inspection In checking out an LFC wing 
fuel tank is a "sniffing" device capable of detecting the 
presence of carbon tetrachloride or similar vapors. By 
Introducing such a compound Into the fuel tank under pressure, 
and "sniffing1* along the slots on the exterior surface, leak 
Indications can be localised, A slallar device capable of 
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15.7,6    Integral Fuel Tank Inspection (Cont'd.) 

detecting a combustible gas or vapor is useful  to find 
fuel tank leaks after the airplane has reached operational 
status. 

Based on the results of the X-21A program,  it is concluded 
that similar inspection techniques would be adequate for 
operational aircraft. 

15.7.7    Inspection, Maintenance and Environmental Protection 

A part of the X-21A program was an investigation to deter- 
mine the internal accessibility,  inspection and maintenance 
requirements  for an LFC type aircraft.    Among the things 
learned on this investigation was the problem being encoun- 
tered by users of Jet transport aircraft in regard to the 
deterioration of honeycomb assemblies after reaching a 
service life approaching 10,000 hours.    The deterioration 
of these assemblies consists of core-to-skin delamlnations 
and corrosion of the aluminum core,  resulting from a 
collection of water and moisture within the honeycomb. 

Since aluminum honeycomb assemblies were used extensively 
on the X-21A airplane wing, it Is necessary to afford 
corrosion protection for the assemblies.    The decision 
was reached that chromic acid anodization of the completed 
assemblies would provide the necessary protection for the 
time span of this program.    It should be noted that the 
anticipated flight test life of the two modified RB-66 
airplanes used on this program was SCO hours and that the 
flight test program of these airplanes has been Edwards 
Air Force Base} a dry, low humidity area which is, there- 
fore, not representative of a wide range of operational 
conditions. 

It is necessary to be cognisant of the fact that there are 
areas, relative to the use of aluminum honeycomb, which 
require continuing investigation when tolking in terms of 
an operational aircraft.   Additional research is required 
to determine the most reliable mean« of protection of 
aluminum cor« fro« corrosion.   The reliability of current 
and new adhesive systems and sealants in preventing inter- 
cell passage of moisture «hen subjected to an operational 
enviroMsent also requires further investigetion. 

• 



emu 2>7A 
(Nil-«41 ntimt» 

CNtCKM 
NORTHROP CORPORATION 

NORAIR DIVISION 

MM 

15.20 
■CMHT HO. 

NOR 67-136 
am 

June 1967 

M00CL 

X-21A 

15.6 STRUCTURAL TESTS 

Following is a description of the structural component tests which 
were made to substantiate analytical data used in the design and 
analysis of the structure of the X-2IA airplane.  The philosophy 
and scope of the test program took into consideration the fact that 
the airplanes were to be used only as test vehicles, with limita- 
tions on service life and operational use.  It is recognized that 
the structural component tests on a production airplane would be 
considerably more extensive. The test program consisted of the 
following types of tests. 

15.8.1 Wing Test Bo« 

A wing test box, typical of the actual wing main box 
structure in the vicinity of the pumping pod, was fabri- 
cated.  It consisted of upper and lower cover assemblies, 
spars and ribs. The cover assemblies consisted of outer 
and inner covers separated into three main bays by ribs. 
TVro bays were fuel bays, and one end bay was a dry bay. 
The lower cover assemblies contained access doors, and 
both cover assemblies, including the stringers and spars, 
contained chordw.se splices in the dry bay. The upper 
cover assembly contained a spanwise splice along a stringer 
and the lower cover assembly contained spanwise splices 
along the access door ddges. The ends of the box were 
heavily reinforced to allow the introduction of a concen- 
trated bending moment and torsion. 

Prior to the ultimate strength test, a surface smoothness 
test and several fuel tank leakage tests were made. The 
ultimate strength test resulted in a failure at 86Z of the 
ultimate bending moment. The failure was a buckle across 
the entire width of the outer compression cover Just out- 
board of the splice along the transition line of honeycomb 
to solid material.  It was concluded that this failure was 
a result of the splice eccentricity causing an overloading 
of the inner facing. As a result, design changes were made 
to reduce eccentricities at the splice, to add doublers to 
the inner face at this local critical area, and to change 
the geometry along the edge member to provide a scalloped 
contour along the edge member to honeycomb core intersection 
rather than the original straight line. Subsequent tests of 
panels with and without the design change showed that the 
design change was adequate. 
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15.8.2 Inboard Wing Cover Assembly Beam Column Panel Tests 

Panels typical of the inboard wing main box upper cover 
assembly were tested as beam columns. These panels con- 
sisted of an outer and inner cover separated by stringers. 
Each panel contained three stringers dividing the panels 
into two spanwise bays.  In the actual wing the cover 
assembly is subjected to beam column type loading resulting 
from the effect of wing curvature and intermittent support 
provided by ribs. This type of loading was simulated in 
the panel tests by inducing curvature into the panel during 
the application of axial load. The curvature was induced 
by applying loads normal to the panel at simulated rib cap 
locations and reacting this load at the panel ends through 
a loading fixture, which provided simple support at each 
end of the panel. The curvature was calculated to provide 
a secondary bending moment which, when combined with the 
primary axial stress, would cause failure midway between 
the simulated rib supports. The first panel was loaded to 
1007. of the ultimate test load without failure. At this 
point the test was stopped to make an adjustment to the 
-'ipporting jig. Upon re testing, the panel failed by buck- 
ling of the cover at 87% of the ultimate test load. The 
failing load is not particularly significant because the 
panel already had carried 100% design load without failure. 
The second panel failed in the same manner at 107% of the 
ultimate test load. 

15.8.3 Inboard Wing Cover Assembly Beam Column Splice Teets 

These panels were similar to the panels described above 
except that the outer cover contained a chordwise splice. 
Four panels were tested, two of which incorporated the 
splice design utilized on the previously mentioned test 
box and two of which utilized the redesigned splice. These 
panels were tested as beam columns in the manner described 
above. The failures in the panels with the test box splice 
duplicated closely the test box failure. The panels with 
the redesigned splice failed in the basic panel away frai 
the splice. The redesigned panels carried more than 100% 
ultimate load without failure. 

15.8.4 Main Box Inner Cover Compression Panels 

These panels were typical of the Inboard wing Inner main 
box cover. In the actual wing these covers are subjected 
to fairly high normal pressure resulting fro« fuel and air 
pressure, as well as axial load resulting from wing banding. 
To simulate this loading, these panels were tested under 

■ - —i—      .'■■' —■- 



OHM 20-7A 
CHCINCCR 

CHCCKCR 

DATE 

June 1967 

NORTHROP CORPORATION 
NORAIR DIVISION 

PA« 

15.22 
KNUT NO. 

NOR 67-136 
MOML 

X-2IA 

15.8.4 Main Box Inner Cover Compression Panels (Cont'd.) 

combined normal pressure and axial load. The panels were 
simply supported by knife edge fixtures at the loaded ends 
and by vee groove blocks along the unloaded sides. One of 
the matters of interest in conducting these tests was to 
determine how well the facing stresses could be predicted 
using a method involving a so-called "magnification factor" 
developed in several different texts. 

m = —; 7— end f' = m f 
1 - f       x,y,xz, or yz    x,y,xz, or yz 

T 
Where:  m = magnification factor 

f ■ applied compression stress 

F • allowable buckling stress 

f * stress due to normal load only 
x ' 

f* ■ stress due to normal load with axial load 
present 

Two panels were tested and both failed at well over the 
predicted failure load. As a result of these two tests, 
it was concluded that the use of the magnification factor 
for panels of aspect ratio three or above is quite con- 
servative. 

15.8.5 Vee Stringer Tests 

Vee stringers were used to provide shear continuity 
between the rib caps and the outer cover. To determine 
the ability of the vee stringers to make this shear 
transfer, tests were run on several four-Inch lengths 
of stringer attached to a short length of Inner cover 
and rib cap. As « result of these tests, It was deter- 
mined that yielding of the Jo-bolt collars, which attach 
the stringer flanges to rib caps, was the critical Itesi 
In the design and that the design «as more than adequate 
to ensure that the entire section worked as a continuous 
structure. 
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15.8.6 Trailing Edge Panel Compression Tests 

Two compression panels, typical of the trailing edge cover 
in the outboard wing region, were tested. These tests were 
made to substantiate the method of analysis for lighter 
gauge panels.  The panels had an aspect ratio of four and 
were clamped along the loaded (short) edges and simply 
supported by vee groove blocks along the unloaded (long) 
edges. The panels failed by buckling slightly below the 
predicted value, but above the required value. 

Two panels containing a typical trailing edge chordwise 
splice were tested. These panels were similar to the 
trailing edge compression panels described previously and 
were loaded in the same manner. Both panels failed by 
buckling of the basic panel away from the splice. 

15.8.7 Trailing Edge Panel Column Tests 

Column tests were made on three-inch wide chordwise strips 
taken from a panel having the same configuration as the 
compression panels mentioned above. Since the trailing 
edge structure acts as a continuous rib, the cover panels 
under some conditions are subjected to chordwise compression 
loads. These tests were run to determine the effect of the 
slotted skin for chordwise column type loading. The result 
of these column tests showed that neglecting the slotted 
skin completely in computing the column section properties 
is only slightly conservative. 

15.8.8 Aileron Hinge Test 

A test of the continuous aileron piAno hinge fitting was 
made to determine the interaction effects between the 
deflected aileron and the wing trailing section. This 
test was made using a production aileron mounted on a 
steel beam having provisions for Inducing a controlled 
curvature. With a curvature corresponding to an actual 
limit flight condition, the aileron was deflected to the 
full up and down positions. The hing« loads determined 
by measuring hing« deflection were slightly less than the 
predicted values. Aileron hinge moments due to friction 
at maximum load and deflection wer« low. 

15.8.9 Coupon Fatleue Taste 

A series of fatigue test coupons of typical cover panels, 
Incorporating holes and slots, were tested and results 
showed that th« stress concentration factors were less 
than 4.0, which is comparable to conventional «truetun. 
It Is, th«r«for«, concluded that there would he no penalty 
for LFC typ« structure du« to fatlgu« considerations. 
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