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PREFACE 

This report is based on research carried out at Calspan Corporation 
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This research is sponsored jointly by the Office of Naval Research, with Mr. 

Morton Cooper as technical monitor, and the Air Force Office of Scientific 

Research, with Mr. Milton Rogers as technical monitor. The authors wish to 

acknowledge the contributions of Prof. W. R. Sears of Cornell University who 

originated the concept of a self-correcting wind tunnel. Prof. Sears is a 

consultant to Calspan on this contract. Calspan personnel who have contributed 

to this research include Dr. John C. Erickson, Jr., Mr. Joseph P. Nenni, and 

Dr. William J. Rae. 
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INTRODUCTION 

A program of research is in progress at the Calspan Corporation to 

demonstrate theoretically and experimentally the feasibility of controlling 

the flow through the walls of a ventilated transonic wind tunnel in order to 

minimize the wall interference effects on a model in the test section. The 

basic concept of this self-adjusting wind tunnel has been described by Sears.1 

Briefly stated, it is based upon measuring the components of the disturbance 

velocity field and determining if each is consistent with the boundary condi¬ 

tion that all disturbances vanish at infinity. 

The present initial effort is restricted to two-dimensional flow 

and centers on experiments with an NACA 0012 airfoil section in the Calspan 

One-Foot Wind Tunnel. An important consideration in this demonstration ex¬ 

periment is to verify that unbounded flow conditions have been achieved and 

that interference-free data have been recorded. This will be accomplished by 

comparing airfoil data obtained in the One-Foot Wind Tunnel with experimental 

data known to be free of wall interference effects. This body of interference- 

free data was obtained in tests in the Calspan Eight-Foot Transonic Wind 

Tunnel with the same airfoil model being used in the One-Foot Wind Tunnel. 

The purpose of this report is to describe the experiments made in 

the Eight-Foot Wind Tunnel. In the following sections a description is 

given of the model, the design of the experiment, and the tests in the Eight- 

Foot Wind Tunnel, and this is followed by a discussic.: of the experimental 

results. These results show that the experimental data are within about 1% 

of being two-dimensional, the sub-critical data are in good agreement with 

scaled incompressible theory, the data are in good agreement with other ex¬ 

perimental results, this airfoil has unusual characteristics at small angles 

of attack for Mach numbers between 0.8 and 0.925, and that Prandtl-dauert 

scaling applies to a component of the profile drag. 

1 



THE EIGHT-FOOT TUNNEL EXPERIMENTS 

The Calspan Fight-Foot Transonic Wind Tunnel 

This wind tunnel is a closed circuit, continuous flow facility that 

can be operated at total pressures ranging nominally from 1/6-of an atmosphere 

to 3-1/2-atmospheres, and over a speed range from about five feet per second 

to a maximum Mach number of about 1.3S. It has a test section 8-ft. by 8-ft. 

square with porous walls that have a 22-1/2% open area. The porosity is 

formed by 1/2-inch holes drilled normal to the surface of 1/2-inch thick 

plates. The plenum surrounding the test section is pumped separately by an 

auxiliary compressor system, and the normal mode of operation is to use this 

auxiliary pumping, in conjunction with moveable side walls, to maintain a 

uniform axial pressure distribution in the test section. 

There are several test section configurations available for the 

Eight-Fx>t Tunnel. That used in the present experiments was the reflection 

plane cart, illustrated in Figure 1. The test section floor includes a solid 

section that is 2-1/2 inches above the porous section ahead of it to produce 

a boundary layer bleed. The boundary layer thickness at the model location 

is about one-inch. There is a turntable in the center of the solid floor 

that is used to change the model angle of attack. This turntable angle was 

calibrated prior to the present experiments, and the geometric angle with 

respect to the tunnel center line was established with an accuracy of about 

0,01*. A complete description of the Eight-Foot Wind Tunnel is given in 

Ref. 2, and detailed airflow calibrations for the tunnel with the reflection 

plane cart are given in Ref. 3. 

The Model and Experimental Design 

The model used was a two-dimensional airfoil with an NACA 0012 

section. This section was chosen because there is considerable current in¬ 

terest in the transonic characteristics of this section. It is widely used 

2 
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for helicopter rotors; it has been selected by AGARD as standard to be used 

in testing numerical solutions;4 a significant body of experimental work is 

in progress * to determine the airfoil characteristics at transonic speeds; 

and exact solutions are available for this section.4»7»25 

It was decided to perform the two-dimensional experiments in the 

Eight-Foot Wind Tunnel using a finite span airfoil mounted on the reflection 

plane cart and using an end-plate that spanned the wind tunnel. In effect, 

the -olid floor of the wind tunnel and the end-plate formed a two-dimensional 

porous-wall channel. The airfoil model has a six-inch chord and a -pan of 

48-inches. This chord length was selected so that it was half the height of 

the One-Foot Wind Tunnel, and consequently there should be large wall inter¬ 

ference effects in that wind tunnel. The span was selected on the basis of 

the experimental results given in Ref. 8. Those tests were made with a wing 

of aspect ratio three with end plates spanning the tunnel and extending 1/3 

chord length forward of the leading edge and 2/3 chord length aft of the 

trailing edge. It was concluded there that those end plates effectively in¬ 

creased the aspect ratio by a factor of nine. Application of those results 

directly to our experiment indicated that the effective aspect ratio would 

be about 72. Since our measurements were to be made near the tunnel floor, 

it was effectively a semi-span model with an effective ratio approaching 144. 

Using the theory of Ref. 9, it can be shown that the effective angle of at¬ 

tack of a rectangular wing at its midspan is where is the aspect 

ratio. Consequently, the present data were expected to be within about 1% of 

the two-dimensional values. It should be noted that this is probably a con¬ 

servative estimate since the end plate used here extended 2 chord lengths 

forward and aft of the airfoil leading and trailing edges and hence is con¬ 

siderably larger in chord length than those used in Ref. 8. 

The forces on the model were measured on a metric section 2-1/2 in¬ 

ches wide with a three-component balance contained within that section and 

supported in the nonmetric portion. A gap of 1/16-inch was left on each side 

of the metric section, and was sealed by wrapping the model at the metric 

4 



section with 0.005-inch thick dental dam rubber. This type of model construc¬ 

tion had been used previously10 with good success. The metric section was 

located about two chord lengths from the solid floor of the reflection plane 

cart. A total of 46 pressure orifices were located on the nonmetric section 

about one-inch from the gap to obtain the airfoil pressure distribution. The 

balance was calibrated with and without the rubber seal. It was found that 

without the rubber seal, the repeatability for all three componercs was better 

than 0.1%. With the seal in place, the repeatability was 0.5% 0.25%, and 

0.6% for the normal force, the axial force, and the pitching moment, respec¬ 

tively. 

The wall interference effects on the model in the Eight-Foot-Transonic 

Wind Tunnel were estimated using the theory of Ref. 11 and assuming the wall 

loss characteristics were those given in Ref. 12. These estimates showed that 

the blockage interference should alter the free-stream velocity by less than 

0.1%. The lift interference on the model was less than 2% for all Mach numbers 

considered, and it was an open-jet type of interference. 

Transition strips were mounted on the upper and lower surface of the 

modei. These were selected using the criteria of Ref. 13 and were made with 

No. 100 grit (0.0059-inch diameter particles) located between %/c * 0.10 and 

x/c * 0.108. 

The model mounted in the test section is shown in Figs. 2 and 3. 

It was mounted on the floor turntable and pinned at the splitter plate to 

minimize torsional deflections and the attendant uncertainties in angle of 

attack. There is a boundary layer bleed upstream of the mounting point, and 

the boundary layer thickness at the model position is about one-inch. It 

can be seen in Figs. 2 and 3 that porous plates were fitted on the floor 

around the model root, and the cavity behind the plates was vented to the 

suction plenum. These were included in the apparatus in an attempt to sta¬ 

bilize the boundary layer at this junction and to prevent an adverse separa¬ 

tion. The first experiment showed that the plenum suction was inadequate, 

and that there was flow from the plenum into the test section through these 
5 
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porous inserts. All subsequent experiments were performed with the perfora¬ 

tions sealed off. The flow-field near the model-wall junction was monitored 

with oil film photographs throughout the experiments, and no unusual separa¬ 

tion effects were observed. 
i 

» 

Experimental Mode of Operation 

The experiments were run in two phases. In the first phase, the 

test section flow was calibrated with the end plate and support strut instal¬ 

led, Fig. 3, and with a static pressure pipe mounted in the test at a vertical 

position corresponding to the location of the airfoil metric section. It was 

found that the Mach number variations in the axial region defined by the end 

plate typically was 0.005 for all Mach numbers up to 0.95. This corresponds 

to a static pressure variation of l/2t to 1%, depending on the Mach number. 

At Mach numbers of 1.0 and above, the vertical support strut above the end 

plate apparently choked the flow and produced a detached shock wave that 

resulted in an expansion at the leading edge of the end plate. The resulting 

flow at the model location was unacceptable, and the experiments were limited 

to a maximum Mach number of 0.95. All Mach numbers are those at the model 

position and are based upon the static pressure calibration. 

The Mach numbers and angles of attack covered in the experiments 

are listed in the table. The method of operation was to set the model angle 

of attack manually and to run through the Mach number range, taking oil.flow 

photographs, without attempting to control the Reynolds number. Force and 

pressure data were then taken at a constant Reynolds number of 2 x 106 per 

foot, starting at the highest Mach number. 

Table I Test Conditions 

Mach Numbers Angles of Attack 

0.40 

0.55 

0.65 
0.725 

0.75 
0.80 

0.85 

0.90 

0.925 
0.95 

-2 

-1 

0 
1 

2 
3 
4 

6 

8 

8 



EXPERIMENTAL RESULTS 

Lift 

The slopes of the lift curves near zero angle of attack are plotted 

in Fig. 4 against Mach number to test the two-dimensionality of the experi¬ 

ment. These data show the expected compressibility effect causing the lift 

curve slope to increase up to a Mach number of 0.80. A strong shock wave is 

present on the airfoil above that Mach number, causing a pronounced loss in 

lift at small angles of attack. A similar behavior was observed by Goethert^*^ 

in tests on an NACA 0012-1.1 airfoil. The additional numerical designation 

is the DVL confirmation of the NACA profile, but the ordinates tabulated by 

Goethert differ slightly from those given in Ref. 16, the ones used here. He 

reports in Ref. 14 that his airfoil had an aspect ratio of 2.6 with elliptical 

end plates 1.2 chords high and 2.2 chords in length. He reports an incom¬ 

pressible lift curve slope in Ref. 14 that is about 97% of the theoretical 

value shoun in Fig. 4. However, in Ref. 15 he reports data, presumably from 

the same airfoil, that is 83% of this theoretical value. Regardless of this 

point, he also finds that the lift curve slope increases slightly less than 

the Prandtl-dauert prediction up to Mm - 0.80 and it then falls to slightly 

less than the incompressible value at M* = 0.85. The differences between 

his results and the present results probably stem from the fact his chord 

Reynolds number varied from 2.3 x 106 at M = 0.2 to 6.3 x 106 at M * 0.80. 

In^contrast, the present results were obtained at a constant Reynolds number, 

10 , and with a boundary layer trip. 

The lift curve slopes in Fig. 4 have been scaled to an incompres¬ 

sible value using the Prandtl-dauert scaling, (C^ = /3 Ci(t . In addition, 

the von Karmán-Tsien scaling was applied in the following approximate fashion. 

This scaling for the pressure coefficient was cast into the following form: 

, C M 
1+/3 

CP±C+ 
(1) 

9 
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mum 

where the subscript, u. , refers to the incompressible value. Noting that 

the second term on the right is a small second-order term, Prandtl-dauert 

scaling was applied to replace the compressible pressure coefficient, and the 

integration was performed around the airfoil to obtain the following cor¬ 

rection „ „ 

(¾). --■■■. ^ ,- (2) 
1 - L^d(jL) 

+ CK dic) 2/3( 

This form of the von Karman-Tsien scaling was applied to the data at - 1° 

angle of attack to obtain the scaled lift curve slopes 'n Fig. 4. 

The theoretical estimate of the incompressible lift curve slope 

shown in Fie. 4 is based upon the theoretical characteristics of a Joukowski 

airfoil approximately 12¾ thick. It includes the classical thickness cor¬ 

rection, (1 ♦ 0.77-1-), taken, for example, from dauert.17 It also includes 

a second-order viscous correction, C¿ /Cx , obtained bv Spence18 and as 
19 * i 

reportée, bv Thwaites. This correction accounts for the displacement effect 

of the boundary layer and the wake on the inviscid flow field, and was de¬ 

rived for an 11.8¾ thick Joukowski airfoil. The correction, as given by 

Thwaites. is /= 0.876 and it multiplies the total inviscid lift, 

including the thickness effect. It is interesting to note that Spence re¬ 

gards this correction as second-«rder in comparison with the first-order thick¬ 

ness correction. However, the viscous correction is slightly than the thick¬ 

ness correction. 

The scaled slopes of the lift curves shown in Fig. 4 are seen to be 

in good agreement with the theoretical incompressible value for Mach numbers 

of 0.8 or less. \s expected, the best agreement is at the lowest Mach number, 

0.40, and the data scaled with the Prandtl-dauert correction fall about 1.7% 

below theory. The von Karmán-Tsien scaling improves the agreement to within 

about 1.0%. This comparison indicates that the present experiments were 

closely two-dimensional. 

11 



The lift curves for all of the Mach numbers are presented in Figs. 

5(a) and 5(b), and the lift coefficient at which the airfoil becomes super¬ 

critical is indicated by a symbol. These supercritical points are theoretical 

values obtained from Ref. 16, and are based on scaling the incompressible 

theory with the von Karman-Tsien correction. First, it should be noted that 

apparently there was a slight flow angularity in the wind tunnel which in¬ 

creased from nominally zero at M„ ■ 0.4 to about 0.2* at M,, ■ 0.95, with 

the exception of a reversal at M* ■ 0.90. This angularity, however, does 

not interfere with the objective of the present program. 

The lift curves at the lower Mach numbers, M„ ■ 0.4 to 0.725, 

show the expected compressibility effects and indicate no unusual effects 

when the theoretical supercritical lift coefficient is exceeded. The stall 

occurs at lower lift coefficients as the Mach number is increased, and the 

M„ * 0.8 data indicate that the lift curve is strongly affected by shock 

waves on the surface which degrade the lift but do not produce stall. 'Hie 

data at ■ 0.85 and 0.90 illustrate the behavior noted in Fig. 4 in that 

the lift curve slope is very small near zero lift. Figure 5 shows that the 

lift curves approach a more normal behavior at higher angles of attack and at 

higher Mach numbers. 

Drag 

The drag data obtained at zero angle of attack are presented in 

Fig. 6 and show a marked increase in drag for Mach numbers greater than 0.75, 

indicating the presence of strong shock waves on the airfoil. This drag rise 

begins at Mach numbers slightly higher than the theoretical critical Mach 

number of 0.725. 

The data in Fig. 6 also show that there is an increase of about 14% 

in the drag in the subcritical Mach number range between =*0.4 and 0.725. 

It is believed that this subcritical drag rise stems from inviscid compres¬ 

sibility effects that increase the viscous and/or pressure drag on the airfoil. 

This can be demonstrated in an approximate fashion by writing down the 

12 
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mm 

expression for the drag, putting it in coefficient font, and then introducing 

the Prandtl-dauert relation for the effects of compressibility on the inviscid 

disturbance velocity. The drag is obtained by integrating the viscous and 

pressure forces on the airfoil. 

/, rw coo 0 Jbvrt 0 oLs (3) 

where is the local shear stress on the wall, 6 is the local 

angle of the surface, and p and are the local and ambient static pres¬ 

sures. The section drag coefficient is 

j_ / A 
#e J 

3(~pt) 
C*d 6 7 '{ Cp aia* 9 (4) 

ux 

where U is the local inviscid velocity at the edge of the boundary layer. 

Using the linearized Prandtl-Glauert approximation, the above relation becomes 

t/K<íí>] 9 (il) C&6 0 + 

07 
j J cn^e T I« 

It is new assumed that (1) local flat plate similarity applies for the boundary 

layer on an airfoil, (2) the compressibility effects on the boundary layer 

profile and on the thickness are small, and (3) the airfoil is thin so that 

oo*. 6 & 1.0. The first assumption is well established by the calculations of 
20 

Squire and Young, in which they applied flat plate data to account for thick¬ 

ness effects on frictional drag. The second was checked by applying the theory 
21 

of Spalding and Chi to estimate the change in local skin friction between 

« 0.72S and • 1.0, the worst conditions for the present data. This 

showed the local skin friction change by about 1% in this range. 

Returning to Equation 5, the first term in the integration of the 

friction drag 

*/ to 
>fl) 
*(f)J 

ais 
6 

ujr 

can be interpreted as the incompressible viscous drag on a flat plate at zero 

angle of attack. The remaining term is the increase in viscous drag due to 

the airfoil disturbance velocity. With^his interpertation. Equation 5 can 



(6) 
3_ (te) 

ä(f) 
ai 5 

then be cast into the following form 

^ K -<^A] - -k / 
This relation indicates that Prandtl-dauert scaling applies to suhcritical 

airfoil drag if the incompressible flat plate drag coefficient is subtracted 

from the compressible drag coefficient. It also indicates that this scaling 

applies even if th'-re is flow separation since the pressure drag is included. 

Tne scaling given by Fquation 6 has been applied to the present 
->1 

data us1 ug Spalding-fhi theory" to estimate the incompressible flat plate 

drag. This estimate assumed that the boundary layer was fully turbulent from 

the leading edge, wh reas actually the boundary layer was laminar over the 

first 10% of the airfoil chord. This assumption introduces an uncertainty 

of al out 5% in the incompressible flat plate drag. The scaled and unsealed 

data are plotted on an expanded scale in Fig. 7 for angles of attack 0°, 2°, 

and ^°. The unsealed data show significant Mach number effects and the 

scaled data show they are removed effecr.ively by this application of Prandtl- 

Olauert scaling. 

The* drag data at constant lift coefficient are plotted versus Mach 

number in Fig. 8. It can be seen that the drag rise begins at Mach numbers 

somewhat higher than the theoretical critical Mach number. 

Pitching Moment 

The pitching moment coefficient data at constant lift coefficient 

are plotted versus Mach number in Fig. 9. An important point to notice is 

the noseup moment occurring at M,, = 0.85 for lift coefficients of 0.1 to 

0.4. It was found in the pressure distribution data that a shift in the 

position of the shock waves on the airfoil accompanied by a redistribution 

of the lift over the airfoil caused the noticeable change in the moment. 
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Figure 9 AIRFOIL PITCHING MOMENT COEFFICIENT, Re = 106 
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Pressure Distributions 

The pressure data obtained on the airfoil upper surface at zero 

angle of attack are presented in Figs. 10 to 14. ? >ese data have been re¬ 

duced to an incompressible value using both Prandtl-G. uert and von Karman- 

Tsien scaling, and are compared with incompressible theory taken from Ref. 16. 

Included in these figures is a tabulation of the critical pressure coefficient, 

ß'■'■pemir > corresponding to local sonic conditions. It can be seen that 

for fubcritical ambient Mach numbers, Fig. 10, the Prandtl-Glauert scaling 

collapses the data reasonably well except in the vicinity of the leading 

edge. Some of the scatter near the leading edge stems from the small flow 

angularity producing a small negative lift on the airfoil. The scaled data 

in Fig. 10 have been corrected for the small lift effect using the linear 

incompressible theory of Ref. 16 and are shown in Fig. 11. It can be seen 

that this correction reduces the scatter somewhat near the leading edge, and 

that the data in this region tend to fall below the incompressible theory. 

The subcritical pressure data have also been scaled using the 

von Kármán-Tsien scaling parameter,^» -¿ , and are compared 

1' - A 1 + /0 2 

with incompressible theory in Figs. 12 and 13. Figure 12 shows the data at 

zero geometric angle of attack, and comparing it with Fig. 10, it can be 

seen that the von Karman-Tsien scaling produces a slightly better correla¬ 

tion. Again, some of the scatter in the vicinity of the leading edge can be 

attributed to flow anglularity and the small negative lift on the airfoil. 

The scaled data in Fig. 12 have been corrected to zero lift, again using in¬ 

compressible linear theory,*6 and are compared with this theory in Fig. 13. 

It can be seen that the correction to zero lift produces a better correlation 

among different Mach numbers and produces improved agreement between theory 

and experiment. The data, however, fall below the incompressible theory, 

especially on the forward 25% of the airfoil chord. These discrepancies 

might be attributed to machining tolerances in fabricating the airfoil, but 

it should be noted that the tolerances were no greater than - 0.001 inches. 
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Figure 10 PRANDTL-GLAUERT SCALING OF THE UPPER SURFACE PRESSURE 
DISTRIBUTION, £T = 0° 
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Figure 12 VON K/CrM/Cn TSIEN SCALING OF THE UPPER SURFACE PRESSURE 
DISTRIBUTION, Cf = 0° 
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Figure 14 PRANDTL-GLAUERT SCALING OF THE SUPERCRITICAL PRESSURE 
DISTRIBUTION, (T « 0 

26 



A final point to note in connection with Fig. 10 to 13 is that the 

theoretical critical Mach number for this airfoil16 is 0.725, and the cor¬ 

responding value of /SCf, for sonic flow is -0.469. The maximum value of ßCf 

measuied in these experiments is about -0.41 and is substantially below the 

theoretical critical value. Therefore, the critical Mach number seems to 

be somewhat higher than 0.725. 

The data obtained at supercritical Mach numbers and zero angle of 

attack have been scaled with the Prandtl-Glauert parameter and are compared 

with incompressible theory in Fig. 14. The critical values of the scaled 

pressure coefficient, /3C^C(r(T , are tabulated in the figure and are in¬ 

dicated on each of the faired curves. The data obtained at M * 0.75 show 

that the airfoil is supercritical at this Mach number with a peak pressure 

coefficient corresponding to a local Mach number of about 1.05. There is 

evidence of either a weak shock wave or a nearly isentropic compression in 

the region » 0.20 to 0.25 because the pressure coefficient at £ * 0.25 

indicates a local Mach number of about 1.0 . The pressure distribution down¬ 

stream of the recompression zone is in reasonable agreement with incompres¬ 

sible theory. Similar comments apply to the data for M,, ■ 0.80 and 0.85. 

The data at » 0.90 show that the flowfield is almost entirely supersonic, 

and at the two highest Mach numbers it is entirely supersonic. 

In Fig. 15 two supercritical pressure distributions are plotted 

for an angle of attack of one degree. Scaled pressure coefficients for both 

the upper and lower surfaces of the airfoil are plotted, and the flagged 

symbols are for the lower surface. The position of the shock on the upper 

surface is well defined by the rapid change in the pressure at « 0.275 

for Mach number 0.75 and at -jr « 0.525 for Mach number 0.80. Oil flow 

photographs taken of the upper surface of the airfoil confirm these shock 

positions, Figs. 16 and 17, and are typical of the agreement, regarding shock 

position, between the oil flow photographs and the surface pressure distribu¬ 

tions. Apparently the pressure rise through the shock wave acts as a barrier 

to the oil flow and causes it to accumulate at the shock wave. 
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In the discussion of the airfoil lift, it was noted that at snail 

angles of attack for a Mach nuiiber of 0.85, there was a noticeable decrease 

in the lift curve slope. The moment coefficient also changed markedly at a 

Mach number of 0.85 for small angles. Both the loss of lift and the large 

positive increase in pitching moment coefficient can be detected in the pres¬ 

sure distribution presented in Fig. 18. The airfoil pressure distribution 

at a geometric angle of attack of 1* and a Mach nusiber of 0.85 indicates a 

relative increase in the pressure over a large portion of the lower surface 

of the airfoil. This in turn results in a general decrease in the overall 

lift at this Mach number. It can also be seen that, unlike other Mach num¬ 

bers, there is a net downward loading at x/c * 0.5 to 0.65 that results in 

the considerable noseup moment that is experienced at this Mach number. 

Comparisons With Other Data 

As noted earlier, one reason for using the 0012 section in the 

present research was because there is a body of current theoretical and ex¬ 

perimental data available for the airfoil at transonic speeds. Some of the 

present pressure data are compared with the exact solution given by Sells 

and as reported by Lock4 in Figs. 19 and 20. The experimental data in Fig. 19 

nominally are for c* ■ 0* and are the average of the upper and lower surface 

pressures obtained at an angle of attack of -0.10*. It is noted that 

rigorously this averaging does not reproduce the result for zero lift, but 

the maximum error in the present case is about 5 x 10 %. The comparison in 

Fig. 19 shows that the theory and experiment in general are in good agree¬ 

ment except in the region 0.10<z/c< 0.25 where the data is less than theory 

by a maximum of about 5%. 

A similar comparison is made in Fig. 20 between the theory reported 

by Lock4 and the present data at « 2*. It should be noted that the 

present data were obtained at a slightly higher Mach number and a slightly 

lower angle of attack. The effect of the higher Mach number is to increase 

the experimental pressure coefficients by about 2.2% and the effect of the 
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lower angle of attack is to decrease the experimental pressure coefficients 

by about 2.3%. Consequently, the two effects nearly cancel and the compari¬ 

son in Fig. 20 is reasonably valid. It can be seen in Fig. 20 that the max¬ 

imum difference between theory and experiment is about 20%. The theory pre¬ 

dicts a lift coefficient about 40% higher than that measured in the present 

experiments. Part of this discrepancy probably can be attributed to the 

fact that the theory is inviscid. The viscous correction given by Spence^ 

would account for a 14% difference in lift coefficient, but of course Spence's 

correction may not be valid in this range. The source of the remaining dis¬ 

crepancy is not clear. 

Osborne is conducting transonic two-dimensional experiments with 

an fACA 0012 section at the RAE in Teddington and made his provisional data 

available to the authors.5 His research is being performed in a 36-in. by 

14-in. test section with two slotted and two solid walls. The initial ex¬ 

periments were made with airfoils of 5-in. and 10-in. chord lengths, and the 

slot geometry was varied to arrive at interference-free conditions, as in¬ 

dicated by agreement between the two sets of airfoil pressure data. His 

data were obtained at Reynolds numbers of about 3 x 106 and with transition 

fixed by grit at the leading edge or at 15% of the chord. Comparisons are 

made with Osborne's data in Fig. 21 through 23. 

Data obtained at supercritical conditions, zero angle of attack 

and a Mach number of 0.8, arc presented in Fig. 21, and generally are in 

good agreement over the entire chord length. There is a slight difference 

in Mach number for the two experiments which could account for the small 

discrepancies between the two sets of data. The one discrepancy that should 

be noted is in the position of the shock wave; it is 4% of the chord further 

aft in the present experiment. This discrepancy is probably due to the dif¬ 

ferences in Mach number since the shock position is quite sensitive to Mach 

number changes in this range of Mach numbers. 

The pressure data obtained at a nominal angle of attack of 2* and 

at a subcritical Mach number are compared with Osborne's data in Fig. 22. 
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It can be seen that the data for the lower surface are good agreement, but 

the present data on the upper surface fall substantially below Osborne's data. 

It should be noted that both the angle of attack and the lift coefficient 

given by Osborne have been corrected for blockage in an approximate manner, 

and the nominal angle of attack quoted is 2.0°. If the actual angle of at¬ 

tack in his experiments were 2.0°, it would account partially for the differ¬ 

ences in lift coefficient and the differences in the pressure distribution. 

Pressure data obtained at supercritical conditions, an angle of at¬ 

tack of 3° and a Mach number of 0.75, are compared with Osborne's data in 

Fig. 23. These data are in good agreement on the lower surface and on the 

upper surface ahead of the shock wave. The position of the shock wave is in 

excellent agreement between the two experiments with noticeable disagreement 

in the pressure distributions downstream of the shock wave. The latter could 

stem from the differences in Reynolds number since the pressure distribution 

downstream of the shock wave is strongly influenced by the Reynolds number. 

To summarize the compar‘son with Osborne's results, the data obtained 

at supercritical conditions, Figs. 21 and 23, are in good agreement. The dif¬ 

ferences in shock position at zero angle of attack. Fig. 21, can probably be 

attributed to small differences in the Mach number between the two experiments. 

The data for a supercritical lifting case. Fig. 23, show some differences 

downstream of the shock wave which probably stem from the differences in the 

test Reynolds numbers. The data for a subcritical lifting case. Fig. 22, are 

not in good agreement. Both the upper surface pressure distributions and the 

lift coefficients differ significantly. Osborne's angle of attack and lift 

coefficient have been corrected for blockage effects, and this might be a 

source of the discrepancies. 

Similar comparisons have been made with Goethert's pressure distri- 
24 

butior data obtained with an NACA 0^1? section, but they are not included 

here. As noted earlier, those data probably were influenced by tip effects. 

Goethert's data were compared with the present data at small angles of attack 

( = 0.85, oc = 0.35°) and were in reasonable agreement except for the 
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position of the shock wave. The differences in shock position probably stem 

from the fact that Goethert's experiments were made with natural transition 

at a Reynolds number of 6 x 10^ and the present experiments were with fixed 

transition and a Reynolds number of 10**. It was noted earlier that tran¬ 

sonic tests of a two-dimensional 0012 airfoil have been made at the Institut 

de Mécanique des Fluides in Lille.6 No comparisons were made with those data 

because there were no comparable test conditions. 

Murman7 and Krupp25 have published exact solutions for the lifting 

0012 airfoil in free air. They give pressure data for Mach numbers and angles 

of attack that match those reported here, but they obtain lift coefficients 

substantially greater than observed here. For example, Murman finds that at 

> 0.65 and ot ■ 2°, the lift coefficient is 0.345. That value is 

37% greater than the value observed here, and is 15% greater than the value 

one obtains by scaling the classical incompressible value including thickness 

effects. It would be meaningful to make a comparison at equal lift coeffi¬ 

cients, but the present experiments did not include the specific lift coeffi¬ 

cients obtained by Murman. Similarly, for * 0.75 and a « 2°, Krupp's 

solution yields a lift coefficient that is about 22% greater than that ob¬ 

served in the present experiments, and a meaningful comparison cannot be made 

with the present data. 

CONCLUDING REMARKS 

A series of subsonic wind tunnel tests has been made with a 6-inch 

chord, two-dimensional wing with an NACA 0012 section in the Calspan Eight- 

Foot Transonic Wind Tunnel in order to generate a set of two-dimensional data 

with minimum wall interference effects on the model. The model has a blockage 

area of 0.75% of the test section cross-sectional area, and it is estimated 

from existing theories that the blockage interference was less that 0.1% of 

the free-stream velocity, and that the lift interference was less than 2% of 
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the lift coefficient for all Mach numbers that were tested. Boundary layer 

transition was fixed at 10% of the chord, and all tests were made with a chord 

Reynolds number of 10**. The tests were made at Mach numbers ranging from 

0.4 to 0.95 and at angles of attack ranging from -2° to +8*. The measure¬ 

ments included three-component forces on a small metric section, pressure 

measurements on the nonmetric section, and oil flow observations at the wing 

roots. 

The experimental lift curve slopes were scaled to an incompressible 

value using Prandti-dauert and von Karmán-Tsien scaling. The scaled data 

at the lowest Mach number agreed to within 1% of incompressible theory when 

the theory is corrected for thickness effects and viscous effects. The lift 

curves exhibit the expected compressihility effects for Mach numbers below 

0.85. The lift curve slopes at small angles of attack were very small for 

Mach numbers between 0.85 and 0.925 because the shock waves on the upper and 

lower surface produced a pronounced redistribution of the aerodynamic loads. 

The drag data at zero lift show a 14% increase in the subcritical 

range, and show the critical Mach number is about 0.75; somewhat higher than 

the theoretical value of 0.725. The subcritical increase in profile drag 

stemmed from inviscid compressibility effects on the viscous drag. It was 

found that Prandti-Glauert scaling effectively removed this effect when ap¬ 

plied to a component of the profile drag. 

The subcritical pressure distribution data were scaled with the 

Prandti-Glauert parameter and the von Karman-Tsien parameter and agree well 

with incompressible theory. Supercritical data were compared with other ex¬ 

perimental data with good agreement. 
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