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FOREWOFD

This report was prepared for the United Stat:s Air Force by The
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ABSTRACT

This report presents methods for predic.ing the performance-
determining aerodynamic characteristics and the stability derivatives of
transport-type configurations employing the vectored-thrust/mechanical-
flap high-lift concept. These methods are suitable for preliminary
design. The- have been automated in a FORTRAN IV computer program, for
vhich a users' manual i8 included in the appendix of this document.
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SECTION I

INTRODUCTION

1.1 Background

The U. S. Air Porce's need for modernization of its Tactical
Airlift capability led to establishment of the Tactical Airlift Tech-
nology Advanced Development Program (TAT-AJP). This program was designed
to contribute to the technology base for development of an Advanced
Medium STOL Transport (AMST).

The AMST must be capable of handling substantial pavlcads and
using airfields considerably shorter than theose required bty large tacti-
cal transports now in the Air Force inventory. If this short field
requirement is to be met without unduly compromising aircraft speed,
economy, and ride quality, an advanced-technology powered-lift concept
will be required.

The STOL Tactical Aircraft Investigation (STAl) is « major
part of the TAT-ADP, and comprises studies of the aerodyanmics and
flight control technology of powered-lift systems under cousidceraticn for
use on the AMST. Under the STOL-TAI, The Boeing Company was awarded
Contract No. F33615-71-C-1757 by the USAF Flight Dynamics Latoratory to
conduct investigations of the technology of the vectored-tchrust and
internally blown jet flap powercd-1lift concepts. These investigations
included:

0 Aerodynamic analysis and wind tunnel testing

o Configuration studies

o Control system design, analysis, and simulation
1.2 Objective

The objective of the work reported here was to develop con-
venient and rapid methods for predicting the performance-determining
aerodynamic characteristics and the stability derivatives of configura-
tions using the vectored thrust/mechanical flap powcred lift concept.
The methods are intended for preliminary design purposes and ease of
application has been emphasized.

1.3 State of the Art Prior to the STAIL

Early in the STAI, the available literature and test data on
vectored thrust was surveyed. It was found that the data base for vec-
tored thrust interference effects on transport-type corfigurations was
almost nonexistent. Consequently, the "State of the Art Design Compen-
dium" compiled from the information then available consisted only of
procedures for estimating power-off characteristics and the recommenda-

tion to correct for power simply by direct vector addition of the propul-
sive forces. That is, interference effects were assumed to be zero.

1
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To £1i11 the gap in the data base, an extensive program of
testing was then carried out in the Boeing V/STOL Wind Tunnel. The
results of that program are reported in Volume IV of the present series
of doruments, and are the basis for the methods presented here.

1.4 Technical Approach

Power effects are described in this report as the sum of
forces and moments computed by direct vector addition, plus interference
increments. The interference increments were usually found to be best
described graphically. That is, no improvement in convenience or under-
standing was apparent in attempting to reduce the curves to analytical
formulae, except for a general dependence of the interference forces on
the square root of the thrust coefficient.

1.5 Scope

The scope of this investigation covers vectored thrust/mechani-
cal flap high-lift systems instalied on configurations suitable for a
STOL tactical transport. These methods are intended to be used in con-
junction with the USAF Stability and Control DATCOM (Reference 1).

1.6 Document Organization
Section I1 presents methods for predicting performance deter-
mining aerodynamic characteristics with power off, and for estimating

interference effects due to vectored thrust.

Section 1II presents procedures for computing stability and
control derivative corrections due to vectored thrust.

The appendices provide a users' manual and a listing of a
FORTRAN IV computer program which automates the procedures given in
Section II.




: SECTION I1
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LONGITUDINAL CHARACTERISTICS

Aerodynamic estimation techniques are presented which provide
increments of 1ift, drag, and pitching moment for leading and trailing
edge devices. These increments are to be added to the clean airplane
values which may :e estimated from Datcom or other alternate source.

2.1 Unpowered Aerodynamic Characteristics, Free Air

2.1.1 Lift

Lift estimation below maximum lift has been divided into 1lift
E curve slope and flap 1lift increwents. The effects of flap extension

(chord extension) which increases the wing area, and flap deflection,
which changes the wing camber, are treated separately.

2.1.1.1 Lift Curve Slope

There are a number of theoretical or semi-theoretical formulae
which give good agreewment betwee:n the estimated and experimental 1lift
curve slopes of three-dimensional wings (Refs. 1, 2, 3, 4). One easv-to-
use method is that from Jores and Cohen (Ref. 4)., Gee sample problem for
additional definition of S; and p, Page 5.

~ — 2TA Sg 1
L (PBYAZ S, rad o2t

The modern high 1ift system usually has trailing edge flaps with
rearward displacement (chord extension) and may also include a leading
edge device with forward displacement. The areas added by these displace-
ments of the eading and trailing edges must be added to the basic plaanform
when estimating flaps down C;,. If the inboard edge of the flap is at
the side of the body, the added area for flap extension will be based on
the assumption that the flap extends to the body centerline.

A comparison of estimated and tesr CLa are shown in Fig, 1.
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'-a a
Ac/4 AR LE TE c c Est Test
a T L a C
est Est Lg
15 65 Up Up 0.0710 0.0713 0.0042
/ 8.0 J J 0.0811 0.0790 <0.0267
10.0 Y ! 0.0870 0.0860 -0.0116
0 536 / 0.0700 0.0673 =0.0401
Y 6.61 J v 00717 0.0735 0.0245
v 8.26 v v/ 0.0765 0.0761 -0.0053
0 8.3 / v 0.0790 0.0840 0.0595
X 661  Ext v/ 0.0790 0.0779 -0.0141
15 8.0 v v/ 0.0860 0.0880 0.0227
0 8.3 J / 0.0940 0.0905 -0.0387
15 80 Up  Ext 0.0933 0.0970 0.0381
7 J / / 0.0926 0.0970 0.0454
2 6.61 v / 0.0850 0.0800 -0.0625
15 8.0 Ext J 0.0940 0.0988 0.0485
K (] 6.61 / v/ 0.0920 0.0846 -0.0875
0 8.3 J J 0.0990 0.1016 0.0256

Data from BVWT 097 (Ref 5)

0.1 .

- ' ' 710 +5%
| 274
: 7/
| - A4
4 C - /7
LG’Test ? 6 /
S / / /
= 008 OO
/ /O

0.07 /\; /

0.07 0.08 0.08 0.10 0.11
L - 3‘_
a Est eg

Figure 1:  Lift Curve Siope, Test — Estimate Comparison
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SAMPLE rROBLEM - LIFT CURVE SLOPE

STAI wind tunnel model LE & TE devices deployed, 15° sweep.

Calculate C; from Equation 2.1-1.
0

Cy

Y]

sy Jese)

C,

& " (\oo0.asd) o.\w) 13
[L’_—((eu.e:m) 5‘-”)*;:{( W) 813

& = OB’ deg.

Feom TEST [JIWT CORp L, REFS

Cig = ©u0

2.1.1.2 Effect of Trailing Edge Flap Deflection

SG = Area ABCDEF = 8.592 SF
S
Ref - 6.164 SF
b = 34.274 in.

S b2/sG = 5.74 SF

P = ABCDEF = 100.952 in.

The effect of pure (i.e., no area increase) trailing edge flap
ceflection is tr change the zero-lift angle (0p,) without changing the

wing 1lift curve slope.

The approach chosen here to estimate trailing edge
zero-1lift angle shift is due to Eldridge (Ref. 6 and 7).

Consider an infinite yawed constant-chord wing with trailing

edge flap deflection,
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It can be shown that, referenced to the free stream velocity,

C,“ = 27 cosl\ (2.1-2)
Cag= 21\‘0(31\__50'5-1\ (2.1-3)
Therefore:
%l&. = D&S coaN
. S

For flaps on tapered wings, the significant sweep angle is that
of the locus of sectional aerodynamic centers for the wing, approximately
the quarter chord (used foxr Cgu), and the locus of sectional flap centers
of pressure, approximately the half chord (used for Cgg). If the flap
angle, 8¢, 1s measured normal to the hingeline, then the effective angle
along a chordline normal to the half chordline is

Se = tar Ttane cos (g, Ny )] (2.1-4)
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3
cos/\.</ =\ -
A“"‘-?_D =‘[‘)"‘-’2\"1}\-0 cosl\‘-'/: ] o Bhn&‘ %(Ac/z’ AH")] (2.1-6)

For a finite aspect ratio wing, lifting surface theory shows
that the effective ag is increased above the two-dimensional value.
Therefore, for wings

- «<$ osA\crzl, =t _
oo, [ P ortonty colnc DT

(2.1-7)

Empirical two~dimensional data has been correlated for sinmgle
and vane-type double-slotted flaps, Figs. 2 and 3. Lifting the surface
theory shows that flap effectiveness is affected by aspect ratio. The two-

din...sional test value of 0§ can be corrected to three-dimensional using the
theoretical results of Ref. 8, Fig. 4.

The part span load factor used in Equation 2.1-7 may be found
in Figure 5.

For multi-element clamps, contributions of individual elements
add algebraically (Fig. 6), so

(AUQQL)TE = (A(ﬂQL)| + (AKOL\Z_ (2.1-8)
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Span-Loading Factor, A

1 Panel
Q Load = X
: l
n 1B n I
OB n-=
-0
Are = A - A
TE n Outisoard M Inboard
End of Fiap End of Fiap
1.0
08 /

/

/

/
/

f

0.2 /

n
4
\ ?f
4]

V- n? dn

0 u.2 0.4 0.6

Non-Dimensional Wing Semi-Span,;

Fiyute 5:  Span-Loading Factor
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The flap lift increment, measured at the angle for zero lift
of the flaps-up wing is

AC'L.. Teﬂap "-"(CLg X- A“OLTEﬂ"_Q (2.1-9)

Some flap lift will be carried over onto the body. The amount
of carry-over will depend on the wing position on the body, the body span
to wing span ratio, and the flap lift increment. A limited amount of data
for high wing configurations have been correlated as shown in Fig. 7.

If it is desired to make the correction for body carry-over, flap lift
increments should be calculated assuming the flap ends at the body side
and that it extends to the centerline. The difference between these values
is then multiplied by the body carry-over factor (k) from Fig. 7

trailing edge flap lift increment with body carry-over is

Aw A .
aCiqe= “CLTEHQP*' (AC\.“:_ ;\”X 7\05-7\\3)‘( (2.1-10)

The body carry-over lift increment also results in shifting the
angle for zero lift by

aCy
Ao g = ‘E:—E“ (2.1-11)
% aps
down
o D(O\__‘_E-- AMO\_HQP+AG\°LB (2.1-12)

A comparison between test data obtained from STAI wind tunnel
testing and calculated data are presented in Fig. &.

SAMPLE PROBLEM, TRAILING EDGE FLAP LIFT INCREMENT

STAl Wind Tunnel Model LE & LE Devices deployed, T.E. deflection
45°/60°, A c/4 = 15°,

Q =

Sa 8.952 ST
= 1

SR 6.164 SF

b = 84,274 in.

13
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Body Carryover Factor (K)

" \
8
6
T8
A
12
a3
2
14
0
0 4 8 1.2 16 20 24

Wing Flap Lift Increment

Figure 7: Body Lift Carryover
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Acgm - A%,

Est
AC/4A AR  Flap 8¢ c c =
Span  Actual 4 L'tat A"y Est. a Lfs;:
—— Em— R —————
30 661 0716  30/30 1.03 0.98 -0.051
/ v J 40/40 129 1.26 -0.024
v Y v 58/40 1.56 1.56 0.090
v / v 45/60 1.58 1.59 0.006
v v 0570 / 1.26 1.34 0.060
J / 0.848 ! 1.80 1.78 -0.01%
/ / 1.000 / 2.01 1.92 -0.047
15 8 0.7% 30/30 1.2 1.20 0.0
/ Y v 40/40 1.61 1.66 -0.039
v / J 58/60 1.54 1.89 -0.026
J ) v/ 45/60 1.91 1.92 0.005
v " 1.0 / 2.29 2.25 -0.018
Y 6.5 Y / 2.15 2.12 0014
Y100 / v 2.45 2.31 -0.016
30 5.36 v/ / 1.65 1.68 0.018
v/ 8.26 / v 1.95 2.02 0.035
0 830 0776  30/30 1.36 1.36 0
J v / 40/40 1.78 1.72 -0.035
v g / 58/60 2.10 2.07 -0.014
v J / 45/60 217 2.14 -0.014
Data from BVWT 097 (Ref. 5)
2.2
1.8
Ay
Test
1.4
1.0
sh '
0 1.0 1.4 1.8 2.2
Ach Est

Figure 8: Flap Lift Increment, Test-Estimate Comparison
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AGross = 5,74

p = 100.952 in,

Flap Type 4, Tripie Slotted, see Fig. 6.

C/C = 1.283

v = .323

CfZ/C' - .091

Gfl = 15,14
5f2 = 15.13
Mo = «145
HOB = .75 Trailing Edge
OB—-
AC'/4 = 15.401
AC'/2 = 11,625°
AHLl = 7.295°
AHL2 = 3,525°
CLa = .0988 (calculated by method in Section 2.1.1.1)

Calculate flap angles normal to half chord line, Equation 2.1-4

O
(13
]

1 tan—l [tan 43.14 cos (11.625-7.259)] = 45.06°

Sep = tan” ' [tan 15.13 cos (11.625-3.525)]

14.98°

For forward flap section using Figure 3, C'f/C' and Se read

1
(ag), = -.485

For aft flap section using Fig. 2, Cf /C' and Ge

2 2
(a5)2 = -, 25

From Fig. 4, C'f/C' and A determine

> = 1.03

(“630 .
%op 1

16
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From Fig. 4, CfZ/C' and A determine

From Fig. 5, "B and 0B

ATE = .849 ~ ,183 = ,666

Since the flap is the sum of its parts,

(A = AaOL + AQOL

o)
OL g 1 2

and %YoL, from Equation 2.1-7

- cos? 11.62. , . ... ... _
(AaOL)l = ( .485)(1.03)(COS 15_40) (45.06) (.556) = =14,92

CoS2 11.62
(8ag), = (—.25)(1.056)656§-33;zzy {14.98) 1. 606h) = -2.62
: AaQLTE =-17.54

Then from Equation 2,1-9

ACLTEFLAP = -(-17.54)(.0988) = 1.73
body carry over factor from Fig. 7, 4C;,  and "yp (flaps end
at side of body) TE

K = .58

with equation 2.1-10

ACLTE = 1.73 + (1.73) Cf%%%) (.58)
= 1.73 + .28
ACLTE = 2,01
from test
CLTE = 1.91

17




2.1.1.3 Effect of Leading Edge Flap Deflection

- There has been little work donme to correlate test data on the
effect of leading edge flap deflection on 1lift below C « Since this
effect is relatively small compared to trailing edge flap deflection,
leading edge flap effectiveness is taken to be the potential flow value
given in Figure 9.

On a three-dir ensional swept wing with a part span leading
edge device,

A“O\-LE =9(8LE SLE mAC/q_ }\LE (2.1-13)

oCy ¢ = (CoL J(~a0 g) (2.1-14)

SAMPLE PROBLEM, LEADING EDGE LIFT INCREMENT

cLE/c = ,166

- o
6LE 70

- -]

Ac/4 15
n = ,145
= 1.0

CLq = .0988

From Fig.9 and cLE/c read
aSLE = ,028
From Fig.5 and "B and 0B

Ajp = 1- .183 = ,817

LE
using Equation 2,1-13 and 2.1-16
bagp, = (.028)(70)(.966) (.817) = 1.55
ACLLE = ~(.0988)(1.5% = -.15

from test

ACLLE = -.18

18
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Figure 9: Leading Edge Flap Effectiveness
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2.1.1.4 Total Free Alr Lift

The increments obtained, Aagp and ACy and the slope of the flaps
down lift ecurve may be combined with flaps up estimates from Datcom or other
sources.

. = 17’ S

Pl

: / ’ ,
{ C /

{ o . 7 |9 %
k: / i
k. 7 g
/ ‘:

4

oKL

3 N\

=
A

(1) UL, flaps up from Datcom or other source
(2) AGOLLE
(3) AuOLTE

(4) agp, flaps dowa - (1) + (2) + (2)

(5) ACLLE
6 AC
ey LTE
(7) ACLf = (5) + (6)
(8) CL flaps down

oL
(9 CLQ flaps up Datcom
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2,1.2 Maximum Lift

Many attempts have been made to develop methods for estimating
the maximum 1ift of an airplane with a high 1ift system. No method has
given consistentiy reliable results. The method given hetre should
apply to the tvpe of configuration likely to be considered for a STOL
transport. Unfortunately, C may vary widely from the values calculated
by this method for particular cénfigurations with unusual arrangements.

The approach taken divides the problem into the CLgax of the
clean wing plus increments due to leading edge and trailing edge devices.

For the clean wing, the methods of Datcom way be used to estimate
c » Next the increment in maximum lift due to leading edge devices will
be added to the clean wing, then the trailing edge increment added. 7his
technigue has been chosen because of the availability of data in this form.
It would be more satisfying to add a leading edge increment to the flaps-
down maximum lift, since the shape and optimum deflection of the leading
edge device is a function of the trailing edge lift incremeat. However,
insufficient data is available to use this approach.

2,1.2.1 Leading Edge Devices

The maximum lift increment due to leading edge devices is a
function of wing sweep, device chord, shape, deflection, and span. It is
assumed that care will be taken in tailoring and fairing areas such as
intersections of nacelle struts and wings, etc,, where ielatively large
penalties may result from local flow separation and interference effects.

Correlations of AC /coszAc/4 versus leading edge device
chord ratio are shown in Fig.yﬂfx for conventional leading edge slats

and for shaped leading edge devices representative of current state-~of-the-
art variabie-camber Krueger flaps.

The maximum lift incremeot due to the leading edge device is then:

aC
ACLWLE‘. =(ﬁﬁ%ﬁ) coszA% oL

It should be noted that for this estimate the chord lengths are
measured normal to the basic wing lrading edge and that the gross area is
the area of the basic wing extended to the body centerline.
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Chords Normal to Leeding Edge

8
- ”/’
2 Conventiona! Slats 'l
o
o~
8 %
o 4
> Unpublished Boeing
.ng / Data
3 / Sym Ay _A_
4] O 35° 6964
0 04 .08 12 16 O 2° 746
(C'-E) g 2° 892
12 > O 315° 696
. o A 3° 148
Shaped LE Davices =
g o 0 25 8.83
g [
: -
~
5
7 n/
G .4
< /
o 1
0 04 .08 12 g6

Cre
C JAve I_ LE

Figure 10: Effect of Leading Edge Device on Maximum Lift
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SAMPLE PROBLEM, LEADING EDGE MAXIMUM LIFT
STAI Wind Tunnel Model, L.E. deployed, 15° sweep.

C
LE
] e .166

Aesg = 15°

from Fig. 10 and C. /C read

LE

ST L I TV

ACLpay
— = 1.14 (shaped leading edge)
COS™Ac/4

L b 1

with Equation 2.1-15

~nol
ACLmaxLE = (1.14)C05715.0)
= 1.06

from test data
AC = ‘57
Lmaxy g

The calculated value is too high because the leading edge device

tested was a compromise designed for several nacelle strut locations and
E leading edge sweep angles. A larger ACLm for a given configuration could
normally be achieved by tailoring the leaaing adge.

2.1.2.2 Trailing Edge Devices

The increment in CLm < due to deploying trailing edge flaps is
caused by two effects; increased area due to chord extension, if any, and
increased camber. Assuming that the airfoil stalls when leading edge
pressure distributions are similar for the flaps-up and -down cases, the

theoretical maximum lift increment is related tralling edge flap lift
increment by:

e (4 _
AC ¢ max .—.{AC’« m_{](f’:\* ) aCy,. (2.1-16)
camber S

OC ¢ rax

whare [c“:ﬂf 0] , taken from Ref. 9, is given in Fig. 11.
oA
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0
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Cy/C

Figure 11: 2-D Maximum Lift Increment
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The maximum lift of a wing section based on the extended chord
would be almost unchanged if the trailing edge flaps were translated aft
without deflection. When a leading edge flap is used, however, increase
in wing chord would result in a reduction in the ratio of the leading
edge flap chord to the wing chord. This reduction in the leading edge
chord ratio reduces the increment in maximum 1ift due to the leading edge
flap since this increment is based on the wing chord without extension.

The increase in maximum lift from a trailing edge chord
extension is:

= ) 2
el gmlESmsTnd e

The reduction in maximum lift from the reduction in leading
edge chord to wing chord ratio is:

: Cc
__d ‘;;—A"c%f') 2 Cig _ _Cro) Semors+oSTE) A
| NI P PR ER R

LE. C CLe
koo d ("‘c" =) (2.1-18)

In the foregoing equations the gross area is that area of the
basic wing between the outboard edge of the trailing flaps and the body
centerline. The trailing edge area is the increase in the wing planform
area due to chora extension with the flap rotated into the plane of the
wing. The leading edge area is the increase in wing planform area from
leading edge chord extension counting only the area between the outboard
edge of the trailing edge flap and the side of the body. See sample probiem
Page 27 for sxetch defining areas.

The total increase in maximum 1ift from the trailing edge flap
is

AC\-ma.x = AC’L.ma.x + AC\--ma_x + ACLmax

franlin cambe v ord Le chord (2.1-19)
P-A%\e-q é){\renS\on roYio ’

Figure 12 shows the egﬁimated maximum lift coefficient increment
correlates with test data within =,1.
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Unpublished Boeing Data

Acn A Flsp Extent
O 9s° 9.65 Fui-Span
O 95° 9.35 Part-Span
o 3° 8.31 Part-Span
A  325° 7.47 Part-Span
20 O 381° 665 Part-Span
20

L
MaxEst

Figure 12: Trailing Edge Flap, Maximum Lift Increment

26




SAMPLE PROBLEM, TRAILING EDGE MAXIMUM LIFT
STAI wind tunnel model L.E. and T.E. devices deployed, 15° sweep.
ATE = ,666 (from Section 2.1.1.2)
. ]
C f/C

.323

AG = 5.74

ACLTE = 201 from Section 2.1.1.2

sde of body

' AS
. Gross = 5,119 SF L€

AStg = 1.104 SF

AS'[g = .624 SF | R\ S gross
Cp/C = 167 '
CLe/C'= .130 \\J
Aoy, = 15.4° 7
Sger = 6.164 SF \ A%,TE
LMaxFU = ,98 flaps up (rest data)

1.06 from Section 2.1.2.1

>
(]
g
[z
t3
]

from Fig. 11 and C'./C’

AC‘eMax

AC£a=O

maximum lift increment from camber, Equation 2.1-~16

= I438

]
! _ 5.74 + 2 -
ACoyay = (.438) (_.5.:_77._) (2.01) = 1.19

maximum lift increment from chord extension, Equation 2.1-17.
= 1,104 ___ -
ACLMax (.98 + 1.06)(5.119 = .624)(.666) .27
From Fig. 10 at CLF/C read slope of curve

d (

27




Laubugidne Ehdudil

Chaug. in maximum lift increment for reduction in leading edge
chord ratio, Ecuation 2.1-18

5.119 + 1,104
6.164

80y, = (6.9)(Cos” 15.)(.130 - .167)( )(.666) = -.16

The total increase in maximum 1ift from the trailing edge flap

ACLy,, = 1.19 + .26 -.16
= 1.29

from test data
Total Estimated, leading edge and trailing edge flap

Clyay = +98 +1.29 + 1.06

= 3.33

from test data

CLMax = 3.12

The comparison between the estimate and test data show a
fortunate combination in the estimated data. The increment from the
leading edge was low and the trailing edge increment high resulting in
a better comparison with the total from test data.

2,1.2.3 Leading Edge Boundary Layer Control

The effectiveness of leading edge blowing boundary layer
control is very configuration dependent. For example, a wing with large
regions of separated flow near the leading edge would show large improve-
ment in maximum 1ift with small amounts of blowing momentum., The correla-
tion to be shown in this section does not include the effect of BLC as a
cure for problem areas; e.g., separated flow in the wing/racelle strut
intersection region.

A correlation based on unpublished Boeing data is shown in
Fig. 13 for leading edge devices designed specifically for blowing
applications. The upper curve is based on configurations with uninterrupted
leading edges; i.e., ne wing mounted nacelles, and represents a design goal
for a well-tailored configuration with wing mounted nacelles. The lower
curve represents the level achieved with wing mounted nacelies with no
additional system tailoring. An optimized leading edge device may achieve
thelift levels indicated only to fail below this levei when operated at
off design conditions., The curves should yield reasonable, achievable,
levels but no generalized information is available regarding best device
shape or deflection or in what manner the blowing should be distributed on
the wing.
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Leading edge blowing boundary layer control may also result in
some increase in triiling edge effectivemess. This is 1 result of the
thinner boundary layer that then exists ahead of the trailing edge flaps.
Insufficient data exists to allow a rational correlation of this effect
to be developed.

SAMPLE PROBLEM, MAXIMUM LIFT WITH L.E. BOUNDARY LAYER CONTROL
STAI Wind Tunnel Model, Nacelles Omn
Ac/4 = 15.40

from Fig. 13 and C"LE

cos2hey, - 13

Maximum 1ift increment for leading edge blowing

MCpy,, = (1.3)(cos’ 15.4)

= 1,21
from test data

CLMax = ,29

This increment from test data is much too low, which may be the
result of off-design operation of the leading edge devices, i.e. 15° rather
than 30° sweep. Also, the model had not been tailored, and there were
grounds to believe that there was trailing edge separation adjacent to the
body. It would be expected with proper refinement or the model configura-
tion the maximum 1ift increment from leading edge blowing would approach the
predicted levels.

2.1.3 Drag

The approach will be to divide the drag into the clean airplane
drag, the profile drag of the leading and trailing edge devices, the induced
drag, and the pressure drag of the wing, Clean airplane drag can be found
Ly conventional methods.

2.1.3.1 Trailing Edge Flap Parasi*te Drag
The parasite drag of trailing edge flaps is a function of flap

type, area, and deflection, An empirical correlation for slotted flaps is
given in Figure 14,
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Figure 14: Parasite Drag of Trailing Edge Flaps
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Co
 Stigppad ‘s___E:ZSL_..
PP (ACDP eer (st: Deelc (2.1-20)
o e

In this correlation the flapped area is the area forward
(streamwise) of the trailing edge flap with the flaps, leading and trail-
ing edge, extended and rotated into the plane cf the wing.

2.1.3.2 Leading Edge Flap Parasite Drag

The parasite drag of leading edge devices is a function of
device area and deflection., Insufficient data is available to establish
an optimum leading edge deflection angle. However, unpublished Boeing data
indicates that at the optimum angle

S.e
aC = 15y —kE.
OF - Sree

where the leading edge area is the planform area of the leading edge device
measured parallel to the device chord plane.

(2.1-21)

2.1.3.3 Change in Inuuced Drag from Trailing Edge Flaps

Deflecting trailing edge flaps results in a change in load
distribution from that of the clean wing. Since the clean wing is normally
designed to have a load distribution close to elliptic, the loading due

1 to flaps will normally cause the load distribution to depart from elliptic,
resulting in an additional induced drag. A. D. Young (Ref. 10) gives this
drag for part-span flaps proportional .> the square of the flap 2ift

E increment

CZ
.E ACD‘-":K(-‘_—;E\—) (2.1-22)

where K i¢ determined from Figure 15.

More accurate estimate of the polar shape may be determined by
methods such as that in Ref. 1. However, these methods require the span
loading to be determined.

2.1.3.4 Parasite Drag Variation with Lift

Both the friction and pressure drag vary with 1lift. It is
impossible to estimate these variations precisely, yet some allowance
should be made for them. The data from a number of wind tunnel tests of
transport configurations with highly developed mechanical high lift systems
have been correlated to obtain the curve shown in Figure 16. This curve
is intended to give a reasonable preliminary design estimate of the parasite
drag variation with lift with both leading and trailing edge devices
deployed.
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Figure 15: Part-Span Induced Drag Factors (Continuous Flaps with Central Cutout)
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Based on Unpublished Boeing
Flaps Down Test Data
8
-7
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c
LMax
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Figure 16: Profile Drag Variation with Lift
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2.1.3.5 Induced Drag

The drag due to lift is estimated assuming elliptic load
distribution.

(fL
Coi =% (2.1-23)

This is used since the drag increments estimated in the previous sections
are designed to account for the departure from an elliptic load.

A comparison between drag estimated by the methods described and
drag obtained frem the STAI wind tunnel test program is shown in Figure 17,

2.1.3.6 Leading Edge Boundary Layer Control

The efferts of leading edge blowing boundary layer control on

drag were obtained frem the STAI wind tunnel test data. These data indicate
that

ACDB\_C,: -°5C)"LE (2.1-24)

SAMPLE PROBLEM, FREE AIR DRAG
Sflapped = 5.577 SF
Ref = 6.164 SF
8¢, = 44.9°
8¢, = 15.1°
(a6)1 = -,50
(4g)g = =+25
C'fI/C' = ,289 (includes leading edge extension)
Spp = .882 SF
CLTEF =1,73
Ag = 5.74
A=8.00
Mg = 145

Ngp = 73
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Figure 17: Comparison of Measured and Predicted Power-Off
Drag Polars
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C = 3.35 from Section 2.1.2.1 and 2.1.2.2
L

Max
, CL = .98 test data flaps retracted
1 Max

CD = ,(600 test data, flaps retracted
4 0
1
1 Cuy,. = 0

Calculate equivsaient flap angle, Figure 14,

. .25 -
ofe = 45.14 + Cjzgs) (15.13) = 52.94

Read from Figure 14 and C'f/c. and 6f

3 e
3 {ACDP = ,0395
\ 1C C'f
= 5 .2
e .25
ACDT
TE g
YRR = 1.25
DP
TE{C'
“E L s
C c
Trailing Edge parasite drag, Equation 2.1-70
5.577
v - Y S L =
ALDP (.0395) (6.164) (1.0) L0447
MIN

Leading edge parasite drag, Equation 2.1-21

G .882

D) = (,154) (====) = .0220
PMIN 6.164
From Figure 15 and Ag nlB and qOB read
= 1.05
a
Kf = .4
K = (1.05) (.4) = .42

Change in induced drag from t ailing edge flaps, Equation 2.1-22

Ac

2
Dy = (42) (1) = L0500

L 2.4 parasite drag variation with lift, with C

[+
(a4
W

(@]
[

= 3,33
LMax

. 0005

i
i
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Induced drag

o LWt
F D1” (M®)

= ,2290

Total Drag

! CD = ,0600 + .0447 .0220 + ,0500 + .0005 + .2290
= .4062

From Test Data at CL = 2.4

CD = , 3880

2.1.4 Pit:hing Moment

E Deflection of leading and trailing edge devices affects the
! tail-off airplane pitching moment characteristics by:

(1) Moving the aerodynamic center location if chord extension is
1 involved.

(2) Changing the pitching moment at zero lift because of a change in
camber.

An additional effect which influences the tail-on pitching
moment is the change in the downwash field behind the wing. In the follow-
ing sections these effects are examined. The methods for estimating the
change in aerodynamic center location and pitching moment at zero 1lift
are taken from Ref. 7. Methods for predicting the effects of high lift
devices on the downwash field behind the wing are from Ref. 1 and 11.

2.1.4.1 Aerodynamic Center Shift Due to Leading Edge Devices

Leading edge devices without chord extension do not move the
aerodynamic center as long as the flow remains attached. When chord exten-
sion is present, the a.c. shift may be calculated by considering the
leading edge planform extension. The estimate of the aerodynamic center
shift is made relative to the a.c. location of the basic trapezoidal wing.

An elliptical additional span load is assumed for the trape-
zoidal wing. The part span load of the wing panel where the chord is
extended is A. Using the Schrenk-Thorpe span load approximation, this panel
load increases by half the fractional area increase upon addition of
the chord extension covering a small fraction of the wing span. As the
chord extension tends to full span, the panel load increment approaches
the fractional chord extension.
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The inner wing panel loads are assumed to be centered at 50
percent of the panel span on the local aerodynamic center both for the
original trapezoidal wing and the modified wing. The part of the wing
planform contained within the body plan view is treated in a similar
manner, letting the local load move forward (or aft for trailing edge
devices) as dictated by the chord extension, but the load on the body is
held constant,

Two different equations have been derived, for the leading
edge devices extending to the side of the body, and for outboarl devices
which do not extend to the body.

In the following analysis it is assumed that the ba:ic trape-
zoidal wing aerodynamic center position (xac)tra is known (see Ref. 1 or 2)
ind the value of the load is unity, i.e. P

L =1.0 (2.1-25)

Using Figures 5 and 18 and taking moments about A - A eives
=1\
M '-"A‘X\"Azxz +P’q (2.1"26)
n*z
In Equation 2.1-25 x, is the moment arm to the local aerodynamic
center of the trapezoid where 1% intersects the body (use Figure 19

for correction to quarter chord location) and x, is the moment arm to the
midspan of the wing panel with l2ading edze devices.

Assuming that M is a linear function of L and M~ 0 at L = 0

leads to
oM _ M (2.1-27)
oL L T
Since

oM _ ™M
(xac)mp’ Y "‘L'_" (2.1-28)

it follows from Equation . -25, 2.1-26, and 2.1-28 that

h=1
= X e -
(ﬁac)hap AyKy +Aa Xy MIV\-z (2.1-29)
and
S (2.1-30)
_MI =z= (Xac)tmp—}\‘)“ -}\sz .
The load of the wing with leading edge devices extended is
L=14+4 = = A (2.1-31)
= L meme———r— y . l-
- Sz [

where U, £ A, is the load increase basad upon the Schrenk-Thorpe span load
$ S, "2 '

assumption., The area increase AS is shown in Figure 18 and the load factor
is obtained from Figure 20.
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Note: Primed Quantities Are For
I Wing With Chord Extension

Aerodynamic
Centers

o} is e

e

A.C, With ~

Chord Extens, \

i n] f————
M1+t M
—_—dn) = ————

L}

|[-——— Ny —— ]

~ n =10 =

n=0
Assumed
Loading of | | oad
Jvr'apezmd A, Load )\2 Load 1- A, -l
ing

{Elliptical)

Figure 18: Nomenclature for ac Location with Inboard L.E. Devices
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For High Wing Locations ' :

X
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.

Note: For Extended Chord Wings
012 \ Use A c/, Based On Same
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Figure 719: Local Aerodynamic Centers Near Middle Of Wing
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Figure 20: Load Effectiveness of Part Span Chord Extensions
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Again taking moments about A - A gives:

%) n=1
M= A X —Ap Ko ~4a B2 A, X M0 2.1-32
\ 282 552_ rXa¥ X ne2 { )

]

In Equation 2,1-32 x! is the moment arm to the local aerodynamic
center of the wing panel with t%@ extended chord at the body side and x2 is
measured o the extended chord wing local aerodynamic center at r\==ﬂ!*ﬂz

The aercdynamic center for the wing with the leading edge
devices extended follows from

oM

S n=t
2L ac, \.E

7\\"\ ‘H\;Y\r_ l*MiSz_) xz - ™ ns2

adD

(2.1-33)

Substituting Equation 2.1-30 into 2.1-33 gives:

(XQC)LE - ?\dx‘-)(’#-)\f_K\#A’sS?_ X?_ Xz]-\- (XQL)TN_E (2.1-34)
P r My SZ_’\?.

The analysis for the outboard leading edge devices is very similar to the
one employed abeve. A simplification here is that the load on the body
region does not requirz separate identification.

Assuming again a unity load

L=1.0 (2.1-35)

and taking moments about A-A (see Figure 21) leads to

=1 '\-“
™M = M\:m—)\zxz* M\ML (Z3EER)
Hence, -
(X )tm M = Aok M\ “ : (2.1-37)
AChrap ~ 31 ~ 2T v\-‘L
and
n=i
~P’l[ -M| = (Kac)qqp = N2ke (2.1-38)
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Note: Applies To Either Leading Edge Or
Trailing Edge Chord Extensions

ﬁq
(
K\ (Xac) Trap
> A
Local A, C. With
b - — S . Lo
— \\ X2 : Area A Chord Extension,
x% 0.25 Chord
j_ Local
! NS A.C. Line
1
- (
1 I
|cit— n - 2
W
+
— - Hy*82
2
N2 -
- n=1 -
n=0 PanelAreaSz=1,2,3,4

Xz = Local A.C. of Basic Wing

x;: = Local A,C, of Wing With
Extended Chord

Figure 221: Nomenclature for ac Location with Qutboard L.E. Devices
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S
L=+ 22N, 2 1.7
SES Sz (2.1-29)
The moment is
h=l A\ ¢ n=I
M'—'—F’\‘ +N Q-&- ——) x> + M 2 1o
nW=0 z M& 52- 2 '\.:z ( .1 «00)
Using the Equation 2.1-28 and 2.1-40 gives the a.c. locatiomn
n=i ( &S
e aL \ +M$ AS

Sz

Substituting Equation 2,1-38 and 2.1-41 gives
AS) ]
("QC-)LE = Alx -%y) LM.KNM:Sz X2 -~ Xe *(X%_im_p (2.1-42)
I+ UsE2 N,

and the a.c. shift due to the leading edge devices becomes for the two
cases:

(a) Leading edge devices extending to=tHe ®¥ide of the body:

as (2.1-43)
_ z\l(x(-%\\*-?\z[('*—/\&s"é;\?"z-ﬂz:l *‘(XC\LBt\"&p —(Yac)
(AXGC)LE - 25 trap
AR STZ= N
Sz
(b) Outboard leading edge devices:
LoD e
(A xaC-)LE N |+M55& XSL_K 4 KQC){;VO-P (XOJL)t (2.1-44)
v =]
Sa
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SAMPLE PROBLEM, LEADING EDGE EXTENSION ac SHIFT

<145

=
-
(]

Ny = 1.0

X, = 35.82 in,
] Xl' = 34.76 1in.
X, = 39.63 in.
X,' = 38.38 in.

AS = .882 SF

2]
n

4.945 SF

(xac)Trap = 37.98 in.

from chart Figure 20
Hg = .985
from Figure 5 read

Xl = ,183

A, = .817

2

with Equation 2.1-43 calculate shift on ac with leading edge extension

(xac)LE =

882
(.183) (34.76 - 35.82) + .817 { [} * (-985) (77g73)] (38.38) - 39'63} w oie

1+ (.985)6&—2—%?——) (.817)

= ~-,194 + 4,488 + 37.98
1.143

= 36.98 in.

For the change in aerodynamic center, Equation 2.1-43

(A xac)LE = 36.98 -37.98 = 1.00 in.

2.1.4.2 Aerodyne :- Center Shift Due to Trailling Edge Flaps

Simple hinged flaps do not affect the aerodynamic center sub-
stantially so long as the air flow remains attached. Flaps with chord
extension move the aerodynamic center back. Their effects may be deter-
mined by the methods developed for the leading edge devices in the
preceding section. By using the appropriate values from Figures 19
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and 2] with p, from Figure 20 and A from Figure 5 in Equation
2.1-43 and 2.1-42 the a.c. shift due to trailing edge flaps extending

to the side of the body and outboard trailing edge flaps may be computed,
respectively.

SAMPLE PROBLEM, TRAILING EDGE EXTENSION ac SHIFT

nl = 145
n, = .75
X} = 35,82 in.
Xl = 37.38 in.
X2 = 38.22 in.
=
X2 = 39,00 in.
AS = 1.104 SF
82 = 3,881 SF
(Lac)Trap = 37.98 in.
Al = ,183
Kz = ,666

from Fig. 20 read
us = ,89
The aerodynamic center with trailing edge extended equation, Equation 2.1-34

(X, )

ac’TE e
(.183)(37.38 - 35.82) + (.666) {[(1 + (.89)8:;311‘;}(39.00) —38.22} + 37.98
1+ (.89) (3557 (.666)
_ 285 £ 1,095+ 37.98 1145123 - 38.80

For the change in aerodynamic center (2.1-43)

(Axac)TE = 38.80 - 37.98 = ,820

2.1.4.3 Pitching Moment at Zero Lift Due to Trailing Edge Flap

AC is calculated by estimating the spanwise and chordwise
position of the center of loading induced by the flap. A is then
equal to the estimated flap 1lift increment times the arm from the estimated
flap load center to the flaps extended aercdynamic center.
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The flap load center s estimated as follows:

(a) As a first approximation, assume the flap load center is along the
wing half-chord line.

(b) Along chordwise cuts normal to the half-chord line evaluate the
iap chord ratio o/ ,.

¢

(¢c) Determine the locus of chordwise flap load center positions using
Figure 22.

(d) TIterate if the new flap center of pressure line differs greatly from
the initial approximation.

(e) Locate the flap load center.

Finally,

(aC
=

{6Cm)o e Z.__;‘_E-_)r‘.:_ﬁ.[ Xepye (xa:.%\“ } (2.1-45)

SAMPLE PROBLEM, PITCHING MOMENT AT ZLCRO LIFT DUE TC TRAILING EDGE FLAP

Cf/é = ,323 (constant % chord flap)

¢ = 11.179 in,
A= 6.786

P = 98.831 in.

“13 = 145
nOB =.,75
ACLTE =2.01
Calculate
C
Ly, 6.786 =
Z;T' (98831)(6.786\ + 2 :
o 84274
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Figure 22: Chordwise Center of Load Due To Flaps
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From Figure 22 obtain chordwise center of pressure

X
EEE = 4%, this is near enough to the original agsumtion of ch/c = .50

that iteration will not result in a significant change. From Figure 23
determine spanwise center of pressure

ncp = 422

The center of pressure is then located at the intersection of the .44 chord
line and ncp = .422, 1In the model longitudinal reference system

™ 1
ch TE 41,47

The (Cpg; )y 15 then calculated from equation 2.1-45

2.01

Cog )y =~ 11179 41.47 - 38.88)

2.1.4.4 Pitching Moment at Zero Lift Due to Leading Edge Devices

The pitching moment at zero 1ift increment due to leading edge
fiaps is much smaller than that due to trailing edge flaps so that a
simpler approach can be adopted

R ’ ’ _ -
(Acmo")‘-e-_ ._Lc_:c_:;)!:— [xc/u‘_ (xev.\ \\ifed] Lo

Where X'c/4 1is the quarter chord of the mean aerodynamic chord determined
with the leading edge extended in the plane of the wing.

SAMPLE PROBLEM, PITCHING MOMENT AT ZERO LIFT DUE TO LEADING EDGE

C = -,15
LLE
CREF = 11.175 in.

c/y = 36.867 in

xa = 36,98 in.
°Le
calculate (AC )
m
ol

LE with equation 2.1-46
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Figure 23:  Spanwise Center of Load Due To Flaps
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ke il

(ac_ )

Bol LE (36.867 - 36.980)

T —eld
11.179
= + ,0015

2.1.4.3 Change in Downwash Due to Leading Edge and Trailing Edge High-
Lift Devices

Generally accepted methods for predicting the downwash variation
behind the wing due to leading and trailing edge high lift devices are at
present not available. However, qualitative design guidelines based on the
analysis of large amount of experimental data are summarized in Ref. 11.
Quantitative data for estimating the increment of downwash due to trailing
edge flap deflection have also been obtained. All of the following
discussion is based on Ref. 10.

Analysis of the air flow characteristics behind sweptback wings shows
that before separation occurs the downwash remains unaffected by leading
edge flaps. The increments of down wash due to deflecting trailing-edge
flaps on wing-body combinations are summarized in Figure 24 ., The ratio
of measured effective downwash increment to the factor LJ:L was

, ANoa-N\ Bi
found to give satisfactory édorrelation of the flap span effect and is
shown in Figure 24 as a function of height of the horizontal tail. Only

the 1ift increment due to trailing edge flap deflection is used in Ref. 10
indicates that leading edge devices have negligible effect on downwash.

A

The correlation of 751_":%5_‘Y indicated in Figure 24 was
I\cb )+

found satisfactory as long as Ac was smaller than 10°. When Ac was larger
than 10°, at low tail positions (close to the wing wake), the correlation

was not as good.

SAMPLE PROBLEM, CHANGE IN DOWNWASH FROM TRAILING EDGE FLAPS

Z_ = 17.566 in.

t
b = 84.27 in.
Mg = .145
nOB =,75
aCy, = 2.01
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a =0
Slotted Flaps
= Vertical Location of Tail
40 % Mac Relative to Wing

\ Chord Plane
ACL = Lift Increment from

Trailing Edge Fiaps

30
Ae,
ACL/A(ﬂw"nm) \
Deg.
20
10
i
-2 -1 0 0.1 0.2 0.3 04 05

Vertical Location of Horizontal Tail (2 Zt/b)

Figure 24: Change in Downwash at Horizontal Tail
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from Pigure 24 read @ 2h/b = .417

Ac
e

— = 15.2
AC
I./A(nOB '“13)

Aee = (15.2) (2.01)

8 (75155 - 62

2.1.4,.6 Total Free Air Pitching Moment

The increments in zero 1ift pitching moment and aerodynamic center
from extension are combined with the flaps up data and provide pitching

é moment as a function of lift coefficient.
" C‘""OL. = Cm oL *’AC“\Q\. + 8Cw o (2.1-47)
flaps \eadwng  troiling
ve edqe edae
Xoc = Rac + & Xac ¥ & Xoc (2.1-48)
. flaps leading +tvailing
i v edage edqe
X
Cm=Cony + [-’-‘SE& - “‘]C (2.1-49)
WMo, C ~ L
G\OPS CE’;F- REE
flap>
doluaon

1 dolen

Figure 25 compares pitching moment estimated with the test data.

SAMPLE PROBLEM, .,TTCHING MOMENT

(¥ = -,11

mo) flaps
up

(4C = +,0015

mo)LE

(AC ~.4657

mo) TE

(xac) flap 37.98 in.

up
(OX, ) g

-1000 inv
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Naceiies On, C 3= 0
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Figure 25: Comparison of Measured and Predicted
Power-Off Pitching Moment
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AR, P

4 =
: (x,ac),rE + .820 in.

X = 37.98 in. (.25 mac)
cg

from aquation 2.1-47

(cmo) flap

dowmn
= ~-,5742

PITN DK RP T

from equation 2.1-48

TR O

(x,.) flap = 37-98 - 1.00 + .820 )
down
= 37,80
F Pitching moment from equation 2.1-49 @ a lift coefficient = 2.4
- 37.98 _ 37.80 \
o = 75782 Y7175 T e 39

= ~,5742 + .0386 = ~-,5356

From Test Data

C = -.630
m

2.2 Cround Effect

Proximity to the ground affects the wing aerodynamic character-
istics in three ways. There is a reduction in dynamic pressurc at the
wing, a reduction in induced angle of attack, and an induced camber.

The assumption is usually made (Ref. 1) that the effects of
reduced g and induced camber are small and, since they are of opposite
sign, can be ignored. While this assumption was reasonable prior to the
advent of modern high lift systems, it is certainly not valid with today's

very high 1ift STOL systems.

A very simple analysis has been performed using a single horse-
shoe vortex and its image in the ground plane. This will give a theoretical
estimate of the induced change in angle of attack and the reduced dynamic
prassure. The camber 2ffect is assumed to be small compared to those

effects for STOL configurations with high mounted wings.

2.2.1  Lift
To approximate an elliptically loaded wing by a single rectan-

gular vortex, the vortex span should be wb/4. In this analysis a single
horseshoe vortex with span 7b/4 is used with the induced velocities
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averaged over the span. Consider the longitud:nal velocity (see Figure 26)
induced at any point along the wing span by the image bound vortex:

..
V(X = &T\n(cc’se\‘ cose,) (2.2-1)

It may be shown with the assumption of the reme 1lift coefficient based
on the local dynamic pressure in free air and in  round effect that the
velocity ratio is

z
Vea - o« 2C, [\+(Tr )]—\}
Vervaa AL E, (2.2-2)

The ratio of lift coefiicients must then be

CL@ |

Cien zC!EEi[ ™ ?-]V?_ (2.2-3)
"+n3A H(EWE). l}

This 1ift ratio is achieved at a reduced angle of attack due
to the induced velocities from the image trailing vortices. The change
in angle of attack is

VO - Wy +L)JJ_

ao( = (2.2-4)
Vea  Vea-Vauq
and it may be shown that
Ya
2C ¢ AN
ON = ;%_\Km /?n[ A +(Wt;) ] (RAD) (2.2-5)

2.2.2 Drag

The ratio of drag in ground effect to that in free air is

U\)r +wi ) i_
Coge . [(-:Dp +CLFB(UFA—\IG.\IC1 ] bEa

. - , (2.2-6)
i:DFA CDP+CLFA%;

or
Co Ca v Cice
Soge _ 1—-(2 Coea) s GE v
Cors =) CD‘—.R) 3 15 (aﬁ/b) ) Corn (2227
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Figure 26 : Wing in Ground Effect
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2.2.3 Pitching Moment

The simple horseshoe vortex approximation cannot be used to
find how the center of pressure of the wing changes from free air to ground
effect. This would require a more sophisticated 1ifting surface analysis.
As a first approximation we will assume that the location of the center
of pressure does not change in ground effect. Therefore,

CmGE - CLGE ’

Crmea CLFA .
while this approach does not have any theoretical justification, it does
correlate well with the test data, see Figures 27 and 28.

2.2.4 Downwash
Using a similar analysis to that for Cj,, @ and Cp it may be
shown that the change in downwash at the horizontal tail in ground effect

is
G i

L fe —
+ z.h—zgz*-n’_-b":xw'[}:f ~Eh-8 )"+ 25| vz.)} (=AD)
Gt G\

(2.2-8)

A comparison of free air test data corrected for ground effects,
and test data in ground effect is shown in Figures 27 and 28.

SAMPLE PROBLEM, LONGITUDINAL CHARACTERISTICS IN GROUND EFFECT
CL = 2,0
h/b = .209

o
#

84,274 1in.
A=28,0

2.33°

Q
L]

.3410

]
[

= -,5273

N
[

17.566 in.

(o)
cr
[}

49.171 in.
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4 Free Air
(Test)
E k1] &
! . Tail Off
; c AR =80
L
TE Fiap Span = 0,75
20 TE Flap Angle = 35°
: LE Fiap Angle = 70°
: C “ LE = 0.06
Data from BVWT 099(Ref. 5)
10
0
0 08 1.0
40
N A
— 1~ = ,/\~ L
= \
3.0 '~
\
\Y
c %
L
20 %,
0
10 }
4
]
9 (¢] (¢]
0° 10° 20 30° 0 -04 -0.8 -1.2
a Cm

Figure 27: Ground Effect, Power Qff, Test — Estimate Comparison
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Tail Oft
AR = 6.62

C g = 0.06

TE Flap Span = 0,743
TE Flap Angle = 35°
LE Fiap Angle = 70°

Data from BVWT 099 (Ref. 5}

Figure 28: Ground Effect, Power Off, Test — Estimate Comparison
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For 1lift ir p.ound effect, equation 2,2-3

clce r 2)2 .,
Eex ===gia]

[A

TR MV AL AT
i

= \AQ3
% Por angle of attack in ground effect 2.2-5
- Xgg = 233~ {;‘g—%’- o1 4{8{‘@\)’]} s13
«233- 140 f

> ,23

For drag in ground effect, equation 2.2-6

c%;_.w{(“ Y ‘)‘“"[‘*(5&33]}“" .

< 2m2.
Pitching moment in ground effect, equation 2,2-8

Cmee =Em273) 133
? <=k =

Change in downwash in ground eff:ict, equation 2.2-9

- “+.21 4].17
A€qe =~ &a&v&b%igm.m’-{@h‘m)-ﬂ Sﬂ%ﬂm‘{ﬂmb-n s‘z]z" L}H)

49 .\
(((zxn @)-11. 51]‘- ﬁje-+ )7\ {qq n’f‘:{z{n.c.\) ~57)= & \1"- zn Vt.)\S

= =MOT RAD

= - ©3%°
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2.3 Vectored Thrust

This section contains formulae for longitudinal force and
moment coefficients incorporating thrust effects and a discussion of
thrust interference effects on these coefficients. The longitudinal
force and moment coefficients are presented below.

CL = CLooer *Ctper +C3 on(x+6) (2.3-1)
oF e

Co = Co ° *Com-‘ Cy cos(e +6) +Cogan  (2.3-2)
oF e

X A -

+ CDzAn(%‘ Sina- 2 msp&)

The interference effects presented were obtained from the STAI
wind tunnel test BVWT 099. These effects are the differences between the
power-on and power-off test data with the appropriate thrust component
removed from the power-on data. The interference corrections are shown
as functions of thrust vector angle, angle of attack, nozzle longitudinal
location and nozzle grr-ss thrust coefficient.

The vertical and spanwise location effects are apparently
negligible, although the 2''ailable data was limited. Spanwise locations
tested were from 27%Z to 60% of wing semi-span. The nacelle centerline
heights tested were h/c = .371 and .452 below chord plane. These vari-
ables are not included in the estimating procedure.

The vectored thrust interference data were analyzed to general-
ize the data with sufficient accuracy for prelimincry design purposes.
The methods will provide good results for configurations having reasonably
high aspect ratios and engines located under the wingy since the data base
for their derivation was so rescricted. Application to other arrangements
is subject to considerable uncertainty. Figure 29 shows the satisfactory
agreement between measured forces and those predicted by the present methods
which can be expected when this restriction is observed,

2.3.1 Lift Interference

Since the chordwise vosition of the exit centerline of the nozzle
varies with vector angle, the d: ta had to be crossplotted to obtain all of the
vector angles at the same chordwise position. The limited data on spanwise
location effects indicated that these were minimal,
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Pree air lift interference due to vectored thrust may be found
for x/c = .35 and C, = 2.0 from Figure 30 . An increment for other
- nozzle locations may be found from Figure 31 . A parameter which has
proved of some use in correlating vectored thrust and V/STOL aerodynamic
interference effects is the equivalent jet velocity ratio,

(1= /2 . 4172
V =l— V_ is directly proportionmal to (1/C.)"'“. It was found
e \qjet e J

that the lift interference correlated directly with C 1/2 witk sufficient
accuracy for prelimihary design purposes, though it begins to break down
at high thrust coefficients or angles of attack.

The lift interference for any CJ and chordwise nacelle loca-
tion is then

CyqVe
ClLivr =G wt "ACLNT]\-._Z.I] (2.3-4)
Fie 30  (F\G 31)

For this analysis the nacelle longitudinal location is meas-
ured from the leading edge of the local wing chord at the engine center-
line location, to the center of nozzle exit plane.

Symmetric thrust conditions have been assumed for the lift
interference design charts developed. For nonsymmetric thrust conditioms,
the charts developed may be used assuming tha. each wing operates independ-
ently of the other. If one wing has C. = X an' the other CJ = Y, the con-
figuration will then have a lift intergerence given by

Clper = _‘i'[c‘-'-NT@ C§=z)q +"‘ZY_C‘-\&T@CS= ZY] (2.3-5)

2.3.2 Drag Interference

At a given nacelle iscation and nozzle vector angle, the free
air drag interference could be correlated directly with the free air lift
interference. This permitted a relatively simple procedure to be used.
Free air drag interference is given in Figures 32 through 34.
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Figure 31: Vectored Thrust, Lift Interference, Effect of Nozzle Location
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2.3.3 Pitching Moment Interference

Free air pitching moment interference also correlated well
with the free air 1lift interference at a given nacelle location and
nozzle vector angle. This indicates that the center of pressure of the
induced lift remains constant with angle of attack for a given nacelle
configuration. For pitching moments, the important length parameter is
the distance from the center of presure of the induced 1lift to the moment
center. Therefore, for the pitching moment interference in free air, °
Figures 35 through 37 , the nozzle location has been given as the dis-
tance from the center of the nozzle exit to the moment center. For a
swept wing, the average nozzle location is used.

2.3.4 Downwash Interference

The effect of vectored thrust on downwash is shown in
Figure 38.

SAMPLE PROBLEM - VECTORED THRUST, FREE AIR

5.46° (estimated power-off aerodynamic characteristics)

<]
]

g = 30°

Cs
L]

2.4 - ;

C, =.4062

(@]
b

0 (model with blowing nozzles)

C, =-2.0

(]
]

-.5356

11.179 in.

0l
U

—0066 inn

M=

+ 2,787 in.

e Taen? e a5

x/c = .35

Lift

from chart Figure 30 read Cp )
INT ;

C = -.15 i

from Figure 31 CL =0
INT

Total lift interference
2.0,1/2
CL = (~.15+0) C—?—) = ~,15
INT
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Figure 35: Vectored Thrust Pitching Moment Interference, Vector Angle 30°
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With equation 2.3-1
¢ = 2.4 -.15 + 2.0 8in (30 + 5.46)
= 3,43
ffom wind tunnel test data

CL = 3.63@a=5.46
urag

from chart Figure 32 at C read
L
INT
C = ~,010
Drnt

calculate with equation 2.3.2

= ,4062 - .10 - (2.0) cos (30 + 5.46) + O
%
Cp = -1.2852

observed from TAI test data at CI = 3,43

CD = -1.28
Pitching Moment

from Figure 35 at CL read
INT

Cm = +,0450
INT
calculate Cm power on with equation 2.3-3

~-.066

C ~.5356 + .0450 + 2.0 [-—~——= sin 30° +

m

—0074

Cm observed at CL = 3,43 wind tunnel test

C

-.190
m

Downwash
from Figure 38 read

Ae = +,09°

11.179 11.179
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2.4A Vectored Thrust in Ground Effect

Vectored thrust interference effects in the presence of the
ground were also obtained from STAI wind tunnel test BVWT 099, Figure
39 presents a comparison of free air test data, free air test data
corrected for ground influence and test data in ground effect. These

show a good correlation between the corrected data and the test data
in ground &éffect. ) ‘

2.4,1 Lift.Interferénce

As in the case of the power-off ground effecf procedure, the
C& vs a curve in ground effect is determined from the free air curve by
adjusting both C,. and a. Lift interference due to vectored thrust in

-ground effect is the sum of the lift interference due to vectored thrust

in free air and an additional increment for the effect of ground proxim-
ity. This additional increment is presented in Figure 40 . The angle

of attack adjustment is the same as for the power off case (Eq. 2.2-5),

but must be based on CL R
NET

Lift in ground effect with vectored thrust is

CL=Cige * Ciir + 2CL v + Cyan(a+o)

Poueroff frecare rouond
céf?ec:\' (2.4-1)
increment
2.4,2 Drag Interference

Drag interference due to vectored thrust in ground effect is
the sum of the drag interference due to vectored thrust in free air and
an additional increment for the effect of ground proximity. The addi-
tional increment is presented in Tigure 40,

Drag in ground effect with vectored thrust is

CD =CDGE +CD \NaT A~ ﬁCD\dNT'\-C-S((D&O@PUB + Cme
TOLN
poweroff free ave éﬂ‘ec_\- 2.4-2)
mnerement
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Figure 39:  Vectored Thrust in Ground Effect Test—Estimate Comparison
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2.4.3 Pitching Moment Interference

Pitching moment interference due to fectored thrust inm ground
effect is the sum of the pitching moment interference due to vectored
thrust in free air and an additional increment for the effect of ground
proximity. This additional increment is presented in Figure 40.

Pitching moment in grouﬁﬂ effect with vectored thrust is

. . X
Cm= Cm as * Coper + 2Cm ot +C-S(—gsma'+-%f- cos&)
power o freeair round
etfect
mcrement
- X Z '
+ Cpy;s M('é-f': sk «-E-_-"-' cos«) (2-‘0-3)

2.4.4 Downwash Interference

Analysis of the test data did not show significant changes in
downwash angle in ground effect with the addition of vectored thrust.

SAMPLE PROBLEM, THRUST INTERFERENCE IN GROUND EFFECT.
h/b = ,208
o = 30°

From sample problem in Part 2.2 the test conditions in ground effect,
power off

c = 1.93
Lo

%E = .93

o]
B

.282

]
i

-,5088

The free air vectored thrust currections at ¢ = 30°, Cy = 0, nacelle
x/e = .35.
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T AT S T

WPOTTITNTE TR

T

CL --,2

INT

C - ".025
DINT

c = +,065
ByNT

For this exawmple the thrust interference effects in ground effect are
zero, Coefficients in ground effect are then, Lift equation 2.3-1

G, = 1.93 - .2 + 2.0 (sin 30.93)
= 2.76
Drag equation 2,3-2
Cp = +282 - .025 - 2.0 (cos 30.93) + 0
= -1.458
Pitchirg Moment equation 2.3-3

= -,1888
The comparable test values at this angle of attack
C, = 2.88
C. = =1.445

2.5 Trim

Any complete set of longitudinal data, 1ift, drag, pitching
moment, and downwash at the tail may be reduced to trimmed lift and drag
by the methods presented in this section. Note that these methods are
valid for relating long tail arms; close coupled tails or canards would
require a considerably more involved analysis.

2.5,1 Trimmed Lift

The 1ift increment required to trim is the increment required
at the horizontal tail 1/4 mac to reduce the pitching about the center
of gravity to zero.

ACL pum= 22— (2.5-1)
bW
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2.5.2 Trimmed Drag
The drag increment for trim is considered to be made up of

two components. First, the inclination of the left vector since it is

in the downwash of the wing. Second, the tail drag both friction and the
tail drag due to lift.

aCp tr\mz( ACL&\\\\X e‘) "(CD roun ool ‘{%%'DLZL\\(C& ){0\ 531‘.:;\‘:

(2.5-2)

;/_—L_—_{ AC‘-‘tmm

L aCotnm

Lrimmed drag, palar
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SECTION IIX

STABILITY AND CONTROL DERIVATIVE PREDICTION METHODS

This section includes methods for predicting vecrored thrust
effects on stability derivatives, and a sersitivity study to determine
the importance of each derivative. Methods are based on wind tunnel
data from Reference 5. Accuracy adequate fc. preliminary design pur-
poses is provided. This results in a simple, quick method.

Error charts and tables are included. These should be used
in conjunction with the sensitivity study. The reader should guard
against falling into the trap of thinking of errors only in terms of

"percent error." Often it is the increment of error that is important.
For instance, in predicting the tail-off C,;, an error of 200% would be
insignificant if the actual value were only” -.000lndeg™!l. On the other

hand, if the tail-on C“B is .008Ndeg‘1, a 15% error might be quite
noticeable.

3.1 Stability Derivactive Sensitivity Study

It :s important in the study of an airplane's stability
characteristics to understand the consequences of errors in estimating
stability derivatives. When the sensitivity of the dynamic response

to each parameter is known, effort to improve accuracy can be expended
on the more important derivatives.

Such a sensitivity study was performed for the airplane
shown in Figure 4l1.% A nominal STOL approach condition of 75 knots
was selected, and stability derivatives were estimated. The derivatives,
together with mass properties and reference dimensions, are given in

Table I. Derivatives found to be the more important ones are listed in
Table II.

Angle of attack and sideslip derivatives are based on wind

tunnel data from Reference 5. Rotary derivatives were predicted using
DATCOM methods.

Three degree of freedom equations of motion for longitudinal
and lateral-directional stability were solved, using the nominal
derivatives. Then each derivative was varied over a range of +150%,

except in a few cases where this would have resulted in an unreasonably
large increment.

*This airplane is the "Baseline Configuration'" developed early in the

STAI program and reported in detail in Appendix A of Volume I of the
STAI Series (Ref. 12).
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TABLE 1

Srabf {ity Derivatives, Mass Propertieé, and
Refe rence Dimensions of Example Airplane

All angles zre in r
C, = 1.297
C. = 7.84

-.496

(]
L}

"'10415

(]
[

C = -0191

S = 1640 ft2 W
c = 15.7 ft I
XX

- &
b = 114.5 ft, IYY

Angle of attack, o
Thrust deflection,

Thrust coefficient,

adians.
CX° =
a

c,, = -8.18

-6.06

(]
L

= ,182

¢ =1.13

CJ = 1.72

133,000 1bs.

Cg =0 Cy = -1.77
q u
C, = 7.5 C, = .0341
q u
m - m
q u
Cy = .02
r
C. =-.35
n
r
C, =1.16
11‘
I, = 2.62 x 108-s1ug-ft2

1.26 x 105-slug-£t? I,=14x 109-slug-ft2

1.46 x 105-slug~ft?
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"TABLE II

5k i et

Stability Derivatives With Important Influence
On Airplane Stability

2o

Stability i
Derivative Major Influence :
{- CL neutral point (Note: when CLa was varied, was .
a held constant so the a.c. was moving.)
Cm neutral point, short ﬁeriod frequency and damping
o ratio, long period frequency and damping ratio
= C_ . short period damping ratio E
=] mq
&
g £ C short period damping ratio
i A Tq
i
L Cm neutral point, long period frequency and damping
u
Cn Mutch roll frequency, spiral stability
8
_r Cl Dutch roll damping ratio, spiral stability
4 B
&
ﬁ Cn Dutch roll frequency, spiral stability
§ P
a Cl Dutch roll damping ratio, spiral stability
."; P
é o C, Dutch roll damping ratio, spiral stability
Cl Dutch roll frequency and damping ratio,
Y spiral stability
|
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Roots of the longitudinal characteristic equation were plotted
on the s-plane. Dutch roll mode roots are also presented on the s~-plane.
Spiral mode time constants were piotted versus the derivative being
varied. These plots are shown, and significant trends discussed in the
next sections.

3.1.1 Longitudinal

The influence of angle of attack, aerodynamic lag, pitch
damping, and speed derivatives is shown in Figures 42, 43, 44, 45
and 46 ., These c¢harts show that the derivatives critical to am accurate
determination of the longitudinal characteristics are: CLa’ g, ? Cmq,

and cmu.

Sensitivity of longitudinal characteristics to variations of
the pitching moment due to angle of attack, , are shown in Figure 42,
Even though Cma is negative (the a.c. is more than 6% € aft of the c.g.),
the airplane 18 statically unstable. (There it a real root in the right
half plane.) This is due to the "large negative value of . As Cma
is increased from its initial value, the unstable root moves to the left,
toward the other real root, while the complex root moves upward. The
short period frequency is increasing and the damping decreasing. At
about 1.5 times the initial » the previously unstable root goes to
the origin and the airplane becomes neutrally stable. (The c.g. is at
the neutral point.) When C, is further increased, the two real roots
couple and form a long period oscillatory mode, the phugoid. If
were further increased, the phugoid mode may go unstable but the air-
plane would still be statically stable (the neutral point would still
be aft of the c.g.).

When C,, 1s decreased the short period frequency decreases
and the damping rggio incrcases. The unstable root goes more unstable
and the othe:s real root moves tc the left. At about .57 times the
initial C, , the short period mode becomes critically damped. (The
short period mode is now described by real roots.) As Cyp is increased
more, one short period real root moves to the left while the other one
moves toward the other stable real root. At about .53 times the initial
Cma these latter two roots couple and form an oscillatory mode.

It is necessary to know Cy_accurately for reasons other than
longitudinal dynamics considerations. The aerodynamic center should be
known within about +17% MAC in order to design the tail, locate the c.g.
envelope, compute control surface deflections for trim and maneuver,
etc. In this case, a +1% MAC error in the aerodynamic center location
corresponds to about a +15% error in C; . Figure 42 shows that a 15%
error in Cyp will only result in about a 5% error in natural undamped
frequency and a .05 change in damping ratio.

Sensitlvity to lift curve slope, CLa, and axial force due to
angle of attack, Cy_, is also shown in Figure 43 . Varying Cxa had no
noticeable effect on the unstable root and only a smaii «ifect on the
others. A large error, +50%, in Cyx , should cause no serious inaccura-
cies. It is hard to conceive of a 30% error in CpL, so this derivative
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was only varied +50Z. A 30% error in 1ift curve slope would only affect
the undamped natural frequency by about 6% and has a negligible effect
on the damping ratio. Its greatest effect appears to be on the real
roots. As CL is reduced, the unstable root moves to the left, couples
with the othet real root, and forms the oscillatory phugoid mode. With
a large unstable value for s @ 202 or 307 error in could make
the difference between whether or not the airplane was statically
stable. Keep in mind that was held constant while C; varied, so
changing CLG also implies a change in the aerodynamic c<enfer location.

The influence of speed derivatives is shown in Figure 44.
Large errors in and will cause no problem. However, should
be accurately knownm, becausie large negative values of cause the air-
plane to be statically unstable even though the c.g. is ahead of the
aerodynamic center. Cmu has only a small effect on the short period
mude.

Powered lift airplanes are likely to have large valueg of
) . In the trim condition a large aerodynamic pitching moment is
required to balance the thrust moment. If a speed change occurs these
two moments change at different rates causing a moment unbalance. There
is another component, to C_ , due to thrust interference but this is
generally small for .a vect mged thrust airplane.

Effects of aerodynamic 1ag or the a derivatives, on longi-
tudinal dynamics are shown in Figure 45. Cp. has no noticeable effect.
The real roots are not influenced by but the damping ratio of the
short period mode appears to be sensitive to this term. As - is
increased the damping ratio increases and at two times the initial value
the short period mode is critically damped. It would be desirable to
know Cm& within 402 in order to know the damping ratio within about 10%.

Sersitivity to the pitch rate derivatives is shown in
Figure 46. Varying C; had no noticeable effect. A +200% error would
be negligible. However, dynamic characteristics are sensitive to Cp .
As Cp 1is increased from the initial value, the short period dampingq
ratio%is increased without much effect on undamped natural frequency.
If C, is reduced, undamped natural frequency and damping ratio both
are réduced. The real roots are only slightly affected, but if Cj
were increased still further than shown in Figure 46 a long perioa
oscillatory mode would develop.

3.1.2 Lateral-Directional

The influence of sideslip, yaw rate, and roli rate deriva-
tives on lateral-directional dynamics is shcwn in Figures 47 through
52 . Derivatives that must be predicted with relative accuracy are:
CnB’ CIB, Cnp, Clp, Cnr, and Clro

Sensitivity to variations in sideciip derivatives are shown
in Figures 47 and 48 . Cy, has only a small influence on the Dutch
roll mode and practically no effect on the spiral mode. Large errors
in Cy, would not seriously affect the Dutch roll characteristics.
Howevgr, C]_8 and CnB strongly influence
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Figure 41 : Effect of Sideslip Derivatives on Dutch Roll Characteristics
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both the Dutch roll and spiral uodes. it is desirable to know both of
these derivatives witain an increment of +.03 -rad~!, about 10 to 15
percent. It is interesting to note that variations in Chraffect mainly
the Dutch roll frequency while Cl changes affect prinarilg the Dutch
roll damping ratio. When C, eeduced to zero, the Dutch roll wode

is still stable and the spirgl node becomes stable., If C;, is reduced
to zero the Dutch roll mode remains stable but the spiral gode gets more
unstable.

Accuracy of calculations relating to cross wind landings and
engine-out conditions is directly related to the quality of the side-
8lip derivatives. This should be taken into account when decicing on
the required accuracy of the derivatives,

Figures 49 and 50 ghow the effect of roll rate derivatives.
has no effect on any of the roots of the characteristic equation
anﬂ for this purpose can be ignored. Cnp and C; effect both the spiral

and Dutch roll modes and should be known'within gn increment of +.1 -
rad™!, or about 20%. The cross derivative, Cn , affects mainly Dutch
roll frequency and the roll damping derivative, Ci.» affects mainly the
Dutch roll damping ratio. When C; went to zero, Bhe Dutch ro1l damp-
ing did too, even though CnB and CYB both have stable values.

The effects of yaw rate derivatives are shown in Figures 51
and 52. Again the side force derivative has no effect. The cross
derivative, Clr' affects both Dutch roll damping ratio and frequency.
The yaw damping derivative affects mainly Dutch roll damping. Cnr and
Cy, both affect the spiral mode with C1, baving the greater influence.
Reﬁucing Clr would stabilize the spirzl mode while reducing the Dutch
roll damping ratio. Cp_ and C;_ should be determined within an incre-
ment of +.1 rad-l. r r

3.2 Stability and Control

This section presents a simple empirical method of predict-
ing aerodynamic interference effects due to vectored thrust on stability
and control derivatives. The method consists of applying a thrust
correction factor to the tail-off derivative and taking into account
the power effect on the downwash, sidewash, and dynamic pressure at the
tail. It is assumed that the power-off characteristics are known,
either estimated or from wind tunnel data. Correction factors are all
based on wind tunnel data. The wind tunnel data are presented in
Reference 5.

All derivatives and coefficients in this section are net
values, that is; direct thrust forces are not included.

It is appropriate to state here some general observations
and opinions regarding the wind tunnel yaw data.

0 Spanwise engine location has a negligible effect on 1lift
curve slope.
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o Engine-out has little effect on sideslip derivatives.

6 ikrust has small effect on sideslip derivatives except at high
thrust deflection or when the nacelles are double podded inboard.

o Angle of attack effects on sideslip derivatives are small,
although a little greater at the higher wing sweep and in-ground
effect.

0 Chordwise nozzle positicn has a negligible effect on sideslip
derivatives.

o Ground <ffects, on sideslip derivatives, are small except at

high thrust settings with 90 degree thrust vector anmgle. There
is apparently a flow breakdown at this condition.

o Thrust has negligible effect with flapr up.

Thrust effects may be magnified by having poor flow on the
model at zero thrust. With the leading edge flap deflected 70 degrees,
flow is stalled on the bottom of the wing, so the trailing edge flaps
are "seeing" stalled air. Tuft studies, in the wind tunnel, show that
the trailing edge flaps are in turbulent flow up to about 12 degrees
angle of attack. Also, the 'ift curve slope is very high at low angle
of attack, indicating something (probably the wing undersurface) ic
becoming unstalled as angle of attack increases. All of the yaw runs
were done at angles of attack less than or equal to 12 degrees. There-
fore, the flaps never had "clean" air in any yaw run. The engines are
located in this stalled air. They are an energy source that probably
tends to straighten the stalled flow. This might wean that the power
effacts, presented here, avre merely increments tending to swing the
data back to where the power-off data would have been if the bottom of
the wing had not been stalled.

3.2.1 Longitudinal Stability and Control

This section presents a method for estimating the aerodyna-
mic interference effect of engins thrust on longitudinal stability and
zontrol derivatives. This method has an empirical basis and has been
derived from the vectored thrust biowing test (BVWT 099, Reference 5).
Methods for predicting 1ift and pitching moment are also presented in
Section 2, However, the methods presented here, although less precise,
are more appropriate for preliminary design purposes tecause they are
faster.

3.2.1.1 Static Stability Derivatives

The test pitching moment and 1lift curves are quite nonlinear
with respect to angle of attack. To obtain the results reported here,
slopes were measured at 8° angle of attack, which is representative
of takeoff and landing conditions. The method has been compared to
test data at o=4° and 8° and agreement is quite good at both angles of
attack.
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Figures 53 through 55 show the effect of nozzle location,
vector angle, and Cj on tail-off 1lift curve slope and aerodynamic center.
These are corrections which should be applied to power off CL and ac by
equations 3.1 and 3 2.

ot (%—f-t.g)c, (3.1)

ac = ace,uo + [[885)+ (485) Jc. 6.0

where: ) _
AcLa - per degree

a.c. - aerodynamic center shift in fraction of MAC,
positive aft

Subscripts:
a - means at constant spanwise nacelle location
b - means at varying spanwise nacelle location

The nczzle chordwise location is the position of the center of the
nozzle exit plane in percent of the wing local chord, as shown in the

sketch below.
r»——-—-(:-—-—-*l
X

\

For ease of application data are shown for wing sweeps of
0°, 15°, and 30°. Power effects were measured in the wind tunnel at
15° and 3G° only. the 0° sweep is an extrapolation of these data.

Figures 53 and 54 are for the engines at 27% and 43.5%
semispan locations. To account for the effect of different spanwise
positions Figure 55 has been developed. Figure 55 shows the effect
of mean spanwise nacelle position (average between inboard and outboard)
on a.c. The 1ift curve slope is not affected; however, inward move-
ment of the nacelles has a stabilizing effect on a.c. shift due to
interference.

The increments nhtained from these figures are compared to
the wind tunnel test results at o = 4° and 8° and for several nacelle
positions, both with single and double pods, in Table III and Figures
56 and 57.
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Figure 51 : Aerodynamic Center Error
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The interference drag term ACp,  has also been derived from
BVWT 099 (Reference 5) test data, Interference drag is a function of
1ift interference, vector angle, and nacelle chordwise location and is
presented in Figures 32 through 34 . From these figures an average

aCp
slope of 3CLINT is obtained. This term, when multiplied by
INT
AC frca 7igure S3 gives the term: = .3
LGINT . ACDGINT AcDaINT AcLaIN'l‘

The vectored thrust effect om horizontal tail input to lift
curve slope and aerodynamic center is caused by a change in dynamic
pressure and downwash at the tail. Power-off tail effectiveness should
be corrected for thrust effects by Equations 3.3 and 3.4

1- 3§}

SURTSWINN) - S
Aacy= (Aac“c:w(-;‘,”)(—-%) (3.4)

. C:SO

[-35) ¢,

(1 )cJ-o

on, tail-off, and tail control power test data from BVWT 099 (Reference
5). The downwash shown is the averaged value based on wing sweeps of
15° and 30° and on vector angles of 30°, 60° and 90°. This shows good
agreement with downwash from wake rake data obtained in BVWT 101
(Reference 5).

is given in Figure 58. Downwash is based on tail-

An attempt to measure power effects on dynamic pressure at
the tail proved unsatisfactory because of wind tunnel instrumentation
problems. Figure 39 is presented instead, as a representative example
of the effect of vectored thrust. This data was extracted from
horizontal tail effectiveness tests at 60° vector angle.

Vectored thrust has an effect on the horizontal tail drag.
However , this is only a cmall increment and for preliminary design
purposes may be neglected.

110




LR A SIS R
g e . ) et TSR S a4
DR BTSRRI feteg e et Lo TR a Rt e e S S e % i

30°S 0 < gg°

1.2 / "

Figure 58 : Effect Of Vectored Thrust On Downwash

111

Z P - T e




Pladiit i A d

A=
35° Flaps
Free Air
0= 60°
1.6 A
4
/ ~C,=1
v J
4
12 (2
ac 4
qCJ*‘-O
A
0
0 10 2 0 40
Qw [ d Deg
Figure 89 :  Effect Of Vectored Thrust On Horizontal Tail Dynamic Pressure

112




¢ LN TS g TS LT M TR R LT L

iy uﬁ'ﬁ

PR UL IEA con

[l i ks

3.2.1.2 Derivatives with Respect to Forward Speed

The speed derivatives Cyo» Cxu. and Cmu are a function of :
3 : both direct thrust and thrust interference. The force and moment i
' equations are:

PN TR

Cz "C‘-C;'O -AC rearenmuce — & W6+ 0) (35
Cx "cﬁcfo"Ac"mwttm v+ Cy cosls & (3.6)

Cm= C”"c.r:o +AC"‘M ERFERENCE Cs(Zycoso+ Xr sine)
(3.7

PRI RE

I " e

&

Referenced to these equations the speed derivatives are:

fatac
Cag = acrl“fc}"l (3.0}

A nCONST

LT

T

ch""aCD ‘.’ZC: [é%'cAC;u)} (3.9)

@=CINST

pemit St hiai

Cmu=-ZC;(Z1- cosc” + Xy sine) - 2C, [Mml} (3.10)
9C;  Jx=consT
where CD = CD + AC
CJ a 0 Interference

X, = distance from ¢.g. to thrust vector in fraction of MAC,
positive fwd.

2, = distance from c.g. to thrust vector in fraction of MAC,
positive down.
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From the above equations, the thrust interference terms are

 eze | aL .
Ac"‘mrm =l ?'g%s =CONST Sk
| 'a(ec.l] _.
Acxulmumm: 2Cy L s Jot=CONST (3.12)
. em.c.,a]
ACmuprenranence ZC;[ s  JxaconsTt (313

The terms {Ma%c,“ﬂ : [Q(s%u.)] .,and [i%m)]

can be calculated from Equations 3.14 through 3.16.

PQ.SQCQL).- = '3SEL|?_1_-: Ac'.—wr_)c,zz (3.14)
L J JocxCONST CJ'

Q.(?CG.D). = "OS(C-LJNT-...ACElNT)C:zz ‘ (3.15)
[ ¥ Jac=const C;

a-(%lﬂ)- - -'HS(C};IN -—+ A&INT-)CJJZ (3'16)
L 7T Jazconst VC;

where [CL + ACL ] is obtained from Figures 29 and 30
INT INT .,
J

Since this term varies with CJ by the equation:

AC, = [Cupr *ACL) = [Cupr * ACu e, sV 3 (3.17)
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The term L)- is obtained by d:lt:feten:::lating with respect to CJ_Q.(%D).
T ’ J

TR TRV 5 1 00 e

is obtained by multiplying -gg“ » based on Figures 30 through 32
L

by igécg‘l . QL%%M) is obtained by multiplying %m. » based on
* J

.

=
ey

Figures 33  through 35 , by

J
3.2,1.3 Pitch Rate and Angle of Attack Rate Derivatives

No testing was done to evaluate the effect of vectored thrust
on the wing body contribution to the derivatives Cy , Cz , *» and Cyz-.
However, this is expected to be small, and existingqmethSds to predicta
the power off wing-body demping should provide sufficient accuracy. The
horizoental tail comtribution to pitch rate damping derivati.es Cp and
Cz 1is influenced by engine thrust through the change in dynamic 1
ptgssure at the tail. Power off Cy, and Cz should be obtained by exist-
ing methods and the tail contributidn should be corrected for thrust
effects by Equations 3.18 and 3.19.

G AL P P S R L B SRR Y,

4
Cmq" = (Cm,” )c :’°(7w) (3.18) |
;
% 7
Cay,, =(c'9u )C:-o('ﬁ,. (3.19) .
The horizontal tail contribution to angle of attack rate j

damping derivatives Cma and Cz* is a function of both the dynai ‘c
pressure change and the downwash change due to vectored thrust. These
derivatives should ba predicted by existing methods, with the tail
contribution corrected for thrust effects by:

s ol | 2
Cm&H ‘(CM&H)c,:o(% ) Fc,-o) (3.20)
Cy20

(‘3‘3‘)&)

Ces, ’(Cz&“)c,w{‘g‘ %,
0.1Cy

0

(3.21)
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3.2.1.4% Control Derivatives

The tail control derivatives Cmgps Cxyps and Cz,.. are also a
function of the <4ynamic pressure at the tail. Power off tail effective-

ness should be predicted by existing methods such as DATCOM, and & power
correction applied by Equations 3.22 through 3.24.

Cm ‘e=(c"‘ﬁz )C,_,o(;:_cﬁJ (3.22)
Cx‘s =(ngg )Qr:o (%c:w’ (3.23)
 Cay Gy e (%;,.,} | (3.24)
3.2.2 Lateral-Directional Stability Derivatives

This section presents a simple empirical method of predicting
aerodynamic interference offects, dne to vectorcd thrust, on lateral-
directional stability derivatives. Correction factors are all based
on wind tunnel data. The -7ind tunnel data are presented in Reference 5.

No large error would result in tbe tail-off sideslip deriva-
tives if thrust effects were ignoered. The data indicate that it is only
in extreme conditions, like 90° thrust deflection in ground effect, that
the thrust effects are large on thz more important derivatives C,,. and
CIB : This would probably only be a transient condition and for pre-
liminary design purposes might be igunored.

3.2.2.1 Sideslip Derivarives

Thrust effect on sideslip derivatives can be accounted for
by using the following five correction factors:

= Jde
B ) e ) e ) b %
% Y ] 9
"/’CJIO To ‘Lﬂﬂ‘:,ﬁo To !/’c,.so To y/l-c’w C"O
where
8 = gldeslip angle
CY = side force coefficient
G =  vawing moment coefficient

1l6
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c1 = rolling moment coefficient

q = dynamic pressure

o sidewash angle
subscripts
TO vertical tail, denotes tail-off

CJ=0 denotes thrust is zero

Values for these terms are presented in Figures 60 and 61 , Side-
slip derivatives are then computed using Equations 3.25 through 3.27.

(3.25)
cu’(c.,‘c J g, 0 & (l— % & b %:e,..

Cys0

sv g__ (3.26)
cﬂ cnﬁ“c o + Qy ﬁ - / g— c’go ,lv Vc,,;g
] {%n ) F \ o (3.27)
s C - =
‘s .ﬁC:'G ”c,“o e e-?’ ' 7/ gc;‘oac’ o 'lv 35‘3’0

where
S = wing area
b = wing span
a = vertical tail 1ift curve slope
S = vertical tail area

L]

distance from c.g. aft to vertical tail a.c.

=
"

= distance from c.g. down to vertical tail a.c.

=
<
i

ratio of dynamic pressure at the tail to free stream
dynamic pressure at CJ =0
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Figure 80 Vectored Thrust Effect Factors for Sideslip Derivatives Tail Off
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Figure 61 Vectored Thrust Factors for Sideslip Derivatives in Ground Effect, Tail Off
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The biggest correction factor is for the sideforce derivative
which is the least important of the three. See Section 3.1, Stability
Derivative Sensitivity Study. The more important yawing moment deriva-
tive Lias no correction due to thrust. The ocher important derivative,
rolling moment due to sideslip, has a correction factor of omly 1.17 .
up to a thrust deflection of 60 degrees. It can be seen from the
derivative sensitivity study, Section 3.1, that these corrections are
not large.

Sidewash data are shown in Figure 62 . For this particular

(-
model, thrust hcd no influence so g_/i/%( = 1, However, it
ﬁC;’o
may be too much of a generalization to extrapolate®this result to other
configurations so the term is left in the equations. In the absence of
additional data, assume no vectored thrust effect on sidewash.

An attompt to measure power affects on dynamic pressure at
the vertical tail failed due to wind tunnel instrumentation problems.
It is suggested that the values given in Figure 59 , for the horizontal
tail, be used until more applicable data are available.

Table IV and Figure 63 show typical errors resulting from
the application of the correction factors, presented in Figures 60 and
61 , to the power-off, tail-off data. While the percent error is
sometimes large, the increment is usually small., These errors, when
viewed in conjunction with the derivative sensitivity study presented
in Section 3, are seen to be small.

3.2.2.2 Roll Rate and Yaw Rate Derivatives

No dynamic testing was done in the wind tunnel upon which to
base any corrections. Although the sideslip data obtained during the
wind tunnel test program is not directly applicable to the yaw or roll
rate case, it does provide a little insight upon which to base an
opinion that the effect is small.

The quality of the roll damping derivative, C; , can be
improved by multiplying it by the 1lift curve slope correcbion factor,
as given in Equation 3.28.

ac
c ,_-[' +(.__.‘:u o ]C
te Cs Cl-etc:co !"t"" okl
This correction is applicable because the roll damping is proportional
to the local lift curve slope which should be proportional to the 3-

dimensional lift curve slope. The tail contribution should be ignored
when computing Clp unless data on sidewash due to roll rate are available.

The vartical tail cortribution to the damping derivatives

can be improved by applying the dynamic pressure ratio factor, Equations
3.29 through 3.33.
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Symbol alDeg C;r olDeg) Wb  Run  Engine-Out
O 80 S5/5/0/5 o 138  Right inboard
A 80 5/5/5/0 30 o0 139  Right Outboard
o 80 20 2 - 140 None
o] 80 20 0 242 141 None
O 0 5/5/5/0 30 242 142  Right Outboard
a 80 5/5/50 30 242 142 Right Outboard
4 80 5/5/0/5 K 1] 242 143  Right Inboard
D 80 0 60 242 144 =
[N 80 20 60 242 145 None
O 60 20 0 242 147 None

—42
g g
E g
3
i
3“ 4
-8 -4 4 8 12 16
~ Sideslip ( 3) (Deg)
-4

Figure 82: Sidewash at the Vertical Tail
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Figure 6 : Powered Sideslip Derivatives Error
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