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LANDING APPROACH AUTOMATIC FLIGHT CONTROL SYSTEM DESIGN
VIA REDUCED ORDER OPTIMAL CONTROL LAW

I. Introduction

Background

A new National Landing System is being developed to provide
improved landing guidance information to aircraft. One approach which
has shown promise involves the use of a microwave scanning beam to
provide landing aircraft with glide path deviation and azimuth infor-
mation. James D. Dillow conducted a study (Ref 1) to analyze the pitch
plane data rate requirements for the proposed microwave scanning beam
system. The data rate study used an optimal model for the aircraft
flight control system.

As a part of the data rate analysis, a digital computer program
was developed to implement the landing approach model and to automatically
compute the probability of a missed approach as a function of the data
rate of the glide slope deviation information. The computer program
takes as inputs the data rate; the aircraft stability derivatives;
nominal longitudinal airspeed; glide path angle; atmospheric disturbances
(gust, headwind, windshear); guidance noise parameters; constraints on
the control activity; and the tolerances on the aircraf; variables that
define a missed approach (i.e., the "window dimensions"). The program is
structured o that changes in the system equations can be easily implemented
in the program. Changes in the system equations result from

1. Changes in the aircraft equations of motion (for example,

inclusion of flexure modes and effect of sensor location).



2, Addition or deletion of control points (i.e., autothrottle,
direct 1ift control, etc.).

3. Changes in the measurement model or sensor complement (for
example, consideration of sensed normal acceleration, sensed
glideslope deviation rate, sensed longitudinal airspeed, and
noise in the continuous measurements).

The results obtained by Dillow (Ref 1) using the optimal model were
compared with results obtained using conventional analysis techniques
(Ref 2). This comparison validated the optimal model.

One of the "by-products" of the digital computer program used in
the data rate analysis is a "full-blown" optimal control law with feedback
gains and Kalman Filter gains. This control law is optimal in the sense
of approach performance and accounts for control authorities that would
be imposed on the automatic flight control system. The purpose or object
of this study was to determine if the optimal model and the optimal control
law from the data rate analysis could be used as a design tool. The study
was prompted by the success of the data rate analysis and the fact that
the "uptimal" was optimal with respect to a meaningful measure of per-
formance while accounting for limitations in control activity. The
. digital computer program used in the data rate analysis offers several
advantages over classical techniques in control design. The program
structure makes changes in the system equations a matter of changing data
cards rather than redrawing root lTocus or Bode plots as is done with
classical techniques. There is no need to go through tedious loop closure
procedures. The time required to evaluate the effect of one or more

changes is much less than that needed when using classical techniques.



Multi-input, multi-output control systems are also handled much easier

using the data rate analysis cosputer progras.

thesis

The optimal feedback matrix F*, from the data rate analysis,
can be used in a systematic procedure to develop a practical control
law. The systematic procedure is subject to one constraint. When the
data rate analysis program develops the optimal control law, certain
variables such as pitch, pitch rate, normal acceleration, and nominal
longitudinal airspeed are considered to be measured “"on board" the
afrcraft. The data rate analysis program further assumes that glide
path deviation is measured on the ground and transmitted to the aircraft.
Therefore, flight path deviation information is in sampled data form for
the data rate analysis. The cunstraint is that the continuously measured
variables and sampled data measurements used in the data rate amalysis
must also be used as feedbacks in the practical control law. Any control
law not employing a1l these feedback gains will be unstable or display poor
flying or poor ride qualities. These poor qualities show up as large
pitch attitude deviations, high control actuator rates, high probability

of missed approach or slow settling time when the aircraft is perturbed.

Investigation

The object of this investigation is to determine a design procedure
starting with the "optimal" feedback gains of the data rate analysis and
ending with a practical (and realizable) automatic flight control system
for an aircraft performing the landing approach task and to compare the

resulting suboptimal automatic flight control system against some “standard."”



The measures of "goodness" for the evaluation are the probability of
missed approach, PMA (minimized); the rms control activity (within bounds);
and rms pitch attitude og (ride quality). System response to a pitch
rate impulse will also be checked for low damping. If the damping is too
low, the system will be slow in damping out oscillations. These oscilla-
tions are not evident in the rms performance measures.

The "standard' used as a basis for comparison was designed by
Systems Technology, inc. (Ref 2). It represents an advanced automatic
flight control system designed with classical control techniques. The
"standard" is not currently in use, but rather represents a system of
the quality deemed necessary to meet the Category Il landing requirements.

In order to compare results with the "standard” a common basis
must be established. The following ground rules have been established
to arrive at that basis:

1. The glideslope deviation d is assumed to be measured contin-
vously in the "standard” and sampled at a rate of 6 samples/sec
in the suboptimal control system.

2. The sample data glideslope deviation measurement is assumed
to contain noise where the noise, which is superimposed on
the true glideslope deviation, accounts for the effects of
fluctuation noise (due to sampled data measurement) and white
noise. This accounts for using a scanning beam landing guidance
system. The noisy measurement is filtered with a low pass
filter which is described in detail later. When airspeed is
used, it is assumed that any noise which might be on the
measurement 1s filtered out by the measurement system. The
measurement system for airspeed is approximated by a first-

order lag.



3. The atmospheric environment is one of severe turbulence.

4. The microwave scanning beam has low beam noise.

5. The height Ad of the landing "window" is $12 ft.

6. Steady winds and wind shear are both assumed to be zero.

7. The measured variubles are pitch, pitch rate, normal accelera-

tion, and, in special cases, longitudinal airspeed.

The individual ground rules are explained in greater detail as they
are encountered later in this report. The procedure is explained here
in general and in detail in Chapters V and VI.

A basic requirement for the procedure is that it be a “clean" and
logical process. The starting point is the full optimal control law using
the optimal feedback matrix F* from the data rate analysis. The goal is
8 reduced order control law employing feedback of the measured variables
(states) only. Feedbacks on the measured states are referred to in this
report as desired feedbacks. Since the optimal feedback F* includes some
feedback gains for variables not measured (i.e., wind gust, elevator
position, etc.), the procedure must systematically remove the feedbacks
on the unmeasured states. The unmeasured state feedbacks are referred to
as undesired feedbacks. Once the undesired feedbacks have been removed
and only the desired feedbacks remain, the logical approach would be to
try to further simplify the control law by reducing the number of remaining
feedbacks. In the hypothesis, it was stated that removal of any desired
feedback would produce unacceptable results. The next step in the pro-
cedure 1s to validate this constraint. The final step involves placing
noise on those measurements (glideslope deviation) assumed to have addi-

tive noise present. The measurement and the noise are then filtered



through a low pass filter and the filtered measurement used for the
practical control law. The practical control law is developed without

"fidd1ing" with feedback gains or use of compensators.



I1. Mathematical Model

In this section the mathematical model of the landing approach
process is described. This model is used to develop the automatic flight
control system. The assumptions used in developing the model are
described and the equations used in this study are given. The develop-
ment of the equations is found in Ref 1. The system of equations is a
set of stochastic differential equations and accounts for the aircraft
dynamics, the atmospheric environment, the landing guidance system data
rate and errors, the aircraft onboard sensors, and the flight control
system capabilities. The approach performance is determined by the

probability of missed approach.

The Aircraft Equations of Motion

The aircraft is assumed to be adequately represented by a set
of perturbed, linear differential equations of motion. This is because
the landing approach task basically requires tracking a fixed rectilinear
path in space with disturbances induced by the atmospheric environment
(gusts) and measurement errors induced by sensor noise and noisy or
erroneous guidance measurements. It is further assumed that the longi-
tudinal and lateral equations of motion are uncoupled. This assumption
is justified for trimmed flight with small perturbations in Ref 3. It
is assumed that the longitudinal motion variables dominate the prob-
ability of missed approach (Ref 1), thus only these oquations are
considered. The variables considered in the longitudinal equations of
motion are pitch attitude 6, pitch rate q, longitudinal perturbed



velocity u; norsal perturbed velocity w; and glideslope deviation d.
Additional staies are introduced as needed to account for lags between
commanded control input and the resulting force or motion generated,
additive finite bandwidth noise, or sensor lags.

The specific equations presented here represent the system model
for the basic DC-8 aircraft and are adopted from Ref 1. They are*

U= Xyu + Xy - 98 cos vy - Kyug - Xyg + X5 8 + X5, Stp
i-luu+1,,l+u.q-gesiny.-Zuug-l.ug+25e6,+25th6m
"l""u“*'\l"’”qq"\l“g'”g""&ece""cﬂ“th

The elevator and thrust responses are modeled by first-order lags.
The respective differential equations are

: 1 1
Sp = - — 8o + — 6
th Te th Te th(:
where Gec and &, are commanded inputs, g and 8¢ are the resulting
(]

elevator position and throttle setting, respectively, and the values for
Te and Ty are taken to be .06666 sec and 1.0 sec, respectively.

Gusts
The gust disturbance, taken from Ref 1, is assumed to have two
independent components. These ¢ wmponents are the longitudinal gust

*7, and My were taken to be zero in these equations.



velocity ug and the normal gust velocity wg. These are described by the

following first-order stochastic differential equations:

Wg = - wwgWg * Lwg

where Wug and “wg are the half power or break frequencies for the longi-
tudinal and normal gusts, respectively; E“g and £wg are zero mean,
Gaussian amplitude, white noise processes. The statistics of Eug and

E"g are given by

E{Eyq(t)Eug(s)d = 2uy oygs(t -5)
E{Eyg (t)Eug(s)} = &»wgoé,gc(t-s)
By (£)6g(s)) = 0

where °ug is the rms longitudinal gust intensity and °wg is the ms
normal gust velocity; 6(t -s) 1s an impulse function.

The parameters used to describe the gust disturbance are given in
Table I. These values were taken from Refs 1 and 2. The rms gust inten-
sities used here represent severe turbulence. Severe turbulence was
considered because previous studies (Refs 1 and 2) indicated the landing
approach task required landing guidance and flight control systems to
suppress the effects of gusts.



TABLE I
Atmospheric Disturbance Parameters--0C-8

°“g = 10.000 ft/sec

wyg = 0.340 rad/sec

Oy " 6.500 ft/sec
9

g = 3.950 rad/sec

Measurements

The measurement model was developed in Ref 1 and accounts for
the two different types of measurements associated with a Tow visibility
landing approach with a scanning beam guidance system. The first part of
the measurement model accounts for the glideslope deviation measurements
derived from the scanning beam system, and as such, are considered to be
sample data measurements. These measurements are usually associated with
guidance measurements or guidance inputs to the flight control system.
The other measurements considered in the measurement model are those
usually associated directly as a part of the flight control system and
are made continuously on board the aircraft. These measurements may
include sensed pitch attitude, pitch rate, airspeed, normal acceleration, etc.
The model for the glideslope deviation measurement as derived from
the scanning beam guidance system is taken from Ref 1. This model for
measured glideslope deviation accounts for three error components in the
difference between the measured value of glide slope and the true reference

landing glide slope. These components include a fixed bias, fluctuation

10



noise associated with the sampled data feature of the measurement, and

white noise representing the very broad band thermal noise in the circuits

and random electromagnetic nofse.

The fixed bias is taken as a zero mean, Gaussian random variable.
It is not directly included as a part of the measurement since it is
assumed that this error cannot be detected without some other external
reference. Thus the true glideslope plus the fixed bias is taken as the
reference glideslope track for the aircraft. Its effect is accounted for
by computing a root-sum-squared glideslope deviation using the fixed bias
and the rms glideslope deviation due to all other disturbances and measured
errors.

The fluctuation noise y, is modeled by a first-order, Gaussian,
shaped noise of the form

Y2 = - wfp¥2 * Egp

where we, 1s the half-power frequency of the fluctuation noise and ¢y

is a zero mean, Gaussian amplitude, white noise process. Furthermore,
E{Efn(t)Efn(s)} ot z‘l’fno‘%ns(t's)

where og, 1s the mms fluctuation noise. The break frequency 1s taken

to be

Wep = 2.8 rad

Te

where Ty 1s the information update interval (or 1/T, is the data rate).
Thermal noise and random electromagnetic noise are modeled by zero
mean, Gaussian amplitude, white noise n. It is assumed that n is statis-

tically independent of y,.

n



The combined measured glidesiope deviation from the true refereace
glidesiope is represented pictorially ia Fig. 1. The ssasured deviation
from the reference glideslope track y 1s given by

y.d’,.’n

The measured glideslope deviation y is sampled at the information update
intervals and y(nTe) 1s the measured sample data glideslope deviation on
the time interval aTe st <(n*1)T,, where T, is the sampling interval and
1/Te is the sampled data rets.

REFERENCE Pt
GLIDESLOPE~,, ~
TRACK, s

Fig. 1. Glideslope Deviation Measurement Mode!

In addition to the sampled data measurement of glideslope deviation,
it is assumed that certain aircraft variables are continuously measured.
The mathematical model of Ref 1 was developed to include consideration

for continuously sensed motion variables; however, the following

12



restriction was imposed on the continuous measurements considered in
Ref 1:

o Only those variables appesring explicitly as states in a
firsi-order state-variable representation of the systea
equations, x=Ax ¢+By +{®, can be measured continuously.
Furthermore, those messurements are perfect, {.e., not
noisy.

The reason for this restriction 1s discussed in Ref 1. This restric-
tion dous not generally limit the type of continuous measurements that
can be considered but 1n some cases 1t requires "fiddling around” with
the state equations to get them in a suitable form so that the restric-
tion is satisfied; for example, when it was desired to use airspeed
feedback in the control law. In order to consider longitudinal airspeed
(Yongitudina) velocity with respect to air mass) as a sensed variadble,
it 1s convenient to introduce the longitudinal airspeed u, a3 a state
in the atrcraft equations. Let yg denote the inertial velocity of the
air mass. Then

Vgs U =Yg
and the time derivative of the longitudinal airspeed s

Ugg ® U - 69
The atrcraft equations of motion, after replacing longitudinal velocity

with longitudinal airspeed, are

Ups = XVag * XM - 90 cos vo ¢ “uglg = Kig + Xg Be + Xgy, ben
wse Z“u.s + l'w + Ueq - g0 sin vy - l'wg + 16.6, + Zcu‘m,

13
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In & similar manner, noisy measurements of aircraft motion varfables
can be considered. This is done by introducing the appropriate 1inesr
stochastic differential equations describing the measurement noise and
introducing 3 new state equation representing the sum of the sensed motion
varfable and the measurement noise.

System Differential Equatipn

The equations of motion for the atrcraft along with the control
lags, gust equations, and measurement eqrations make up 8 set of dif-
ferential equations which describe the system. The system differential

oquation s
k(t) = Ax(t) ¢ Bu(t) + ¢*(t) (1)
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The stability derivatives and aircraft parameters are taken from Ref 1
and are included here in Table 11. The system block diagram 1s shown
in Fig. 2.

Measyres of "Goocness®
Three measures of “goodness”® were used to evaluate & possible
ﬂlg.ht control system. The first is the prodbadility of missed approsch
which s used as the primary measure of approach performance. The
second s the rms control ctivity, and the third is the rmas pitch angle.
The measure of approsch performance used in this study 1s based
on the assumption that 1f certain prespecified aircraft variadles are
within s given tolerance at the decision altitude, then the landing

16



TABLE 11
DC-8 Stability Derivatives and Aircraft Parameters--Landing Approach

Xy = - 0.03730 1/sec
Xy = 0.13600 1/sec
Z, = - 0.28300 1/sec
Ly ® - 0.75000 1/sec
M= 0.0 1/sec-ft
M, * - 0.00461 1/sec-ft
Mg = - 0.59400 1/sec
Xs, * 0.0  ft/red-sec?
Xg,, ® 0.10600 ft/percent rpm-sec?
Zg, © - 9.25000 ft/rad-sec?
Zg,,, ° - 0-00097 ft/percent rpm-sec’
Mg, © - 0.92300 1/rad-sec?
“‘th e 0.00007 1/percent rpm-sec’
Up o 228 ft/sec
Ye® -3 deg
Te® 0.06666 sec

”
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proceeds to touchdown. Otherwise a missed approach has occurrcc and a

*go around” 1s executed. The tolerances used to specify a successful
approach are called the window. With this definition of a missed approach,
the probability of a missed approach (PMA) is a quantitative and computadle
measure of landing performance. The definition, a complate description,
and a method for computing PMA are found in Ref 4.

The current FAA Category II landing accuracy criteria of ¢72 ft
lateral deviation and £12 ft vertical deviation are used to define the
window. The window 1s shown graphically in Fig. 3. Since the resylts
of Ref 2 indicate the vertical errors dominate the probability of missed
approach (with this window definition), only the vertical window dimen-
sion was used in this study to define & missed approach.

-

d ~

¢ d 1\/ REFERENCE GLIDEPATH

4
Py
' N+ 100 ft

Fo ~ —
,_J— >&\ltlrmm:tt;.mmnunlnm\ca
e
&d = 212 ft
by ® 272 1t

Fig. 3. The Recommended Category 1! Window
After miniaizing the probadility of missed approsch, the res

elevator actustor rete and the res pitch angle are checked to assvre
19



that both fall within acceptadble 1imits. The rms elevator actuator rate
serves 43 & measure of the control authority required by the automatic
flight control system. Limits are generally set on the control authority
of an automatic flight controi system with a margin of safety to allow
sufficient manual authority to override a hard-over failure of the auto-
aatic system. The control constraint used as an upper bound on activity
ws .15 rad/sec for the rms elevator actuator rate. This value was never
exceeded by any of the cases considered. By relaxing or tightening the
ms actuator rate constraints, possible trade-offs can be evaluated in
teras of the change in the probability of missed approach for a given
change in the rms actuator rate.

The rms pitch angle was considered as a measure of the “"ride"
qualities associated with the automatic flight control system and hence
wes used to evaluate each automatic flight control system configuration.
The upper limit was set at 6° (Ref 1). This figure was primarily used
to detect an sutomatic flight control system design which results in a
high-frequency oscillation in glideslope deviation. There are cases
where an automatic flight control system could have a low probability of
missed approach and reasonable actuator rate, but the oscillatory tendencies
wuld show up by a marked increase in the rms pitch angle. The probability
of missed approsch and rms elevator actuator rate appears reasonable in
these cases because oscillations around the mean tend to cancel out in

the ras messures.
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I1I. Optimal Feedbacks

The technique used to develop the optimal feedback gains 1s pre-
sented in this chapter for completeness and reader convenience. This
coverage is not intended to be mathematically rigorous. A more in-depth
treatment is found in Refs 1 and 4.

In developing the model for the automatic flight control system,
steady winds and wind shear were taken to be zero. The steady wind 1s a
time invariant wind assumed to be blowing horizontally with the ground
and may be either a head wind or tail wind. With respect to the 2ircraft,
1t has a steady longitudinal and normal component depending on the air-
craft attitude with respect to the horizon. The wind shears account for
a gradient in the wind intensity as a function of altitude. The wind

shear wg,, is represented by the equation

0 » h2200 ft

Wsh *
sh(ZOO -h), 100 ft<hs200 ft
where sy, denotes the 1inear rate at which the wind velocity changes as
a function of altitude; s, may be positive or negative. With respect to
the aircraft, the wind shear has a longitudinal and normal component
depending upon the aircraft attitude with respect to the horizon.
The control law representing the automatic flight control system

1s developed for the linear Gaussian system of equations,
x(t) = Ax(t) + Bu(t) + g*(t) (1)
wheire u(t) represents the control input generated by the control law.
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Assuming that the glideslope (and of course localizer) has been
captured, the landing approach (not considering flare, touchdown and
rollout) becames a tracking problem with respect to the deviation from
the reference glideslope track and with respect to the nominal or trim
values of the other aircraft motion variables. For a fixed reference
glideslope track angle, this is a regulator prodlem from a control point
of view. Thus the model for the flight control system is developed from
the control theor: r2lating to the optimal regulator prodlem.

As a brief review of the optimal control regulator problem, con-
sider the Vinear system

k(t) = Ax(t) ¢ Bu(t) ¢ ¢o(t) )
where the ocbservations are of the form
y(t) = mx(t) ¢ n(t) (2)

where n is & 2ero mean, Goussian amplitude, Lhites noise process. Let
J be & quadratic functional in state and control definmed by

Ju) » %:: € {x(T)'Qu(T) ¢ u(T) (1)} (3)

where Q and R are symmetric, Q is non-negative definits, and R s posi-
tive definft . It is well known that the control low defined on the
ocaservation y, which ainimize the functional (3), subject to the ¢if-
ferential constraint (1), 1s of the form (Ref §)

u(t) = Fxe(t) (¢)

where F 1s the optima) feedback for the deterministic prodlem (f.e.,
€*=0) and 13 given by the equation

Fo-o-gp (s)



and P is the solution to the nonlinear matrix Ricatt! equation
AP + PA' + Q - PBR™!B'P = 0 (6)

In Eq (4), x* is the "best estimate” of x and 1s the output of a system
of differentia) equations (called a Kalman filter) which have as their

input the observations y.
Based on this familiar optima) control result for the so-called

linear, quadratic, Gaussian problem, the flight control system 1s modeled

by the cont-21 law
u(t) » Fx(t) (7)

where F 13 the optimal feedback matrix for & quadratic cost function of
the form given by Eq (3), and a(t) s & “sud-optimsl® estimate of the
state x, and 1s described in Ref 1.

The quadratic cost function used to define F s of the form

Jilu) o: . k.oz‘ ¢ t,o‘c (8)
' (]

where og i3 the res glideslope deviations from tae reference glideslope
Mxo‘q. fe1,2, sre the res control inputs. For the OC-8 these
contrel inputs are comranded elevator position and commanced engine ram,
In the cose where direct 11t control 1s considered, these control frputs
ere canmiated elecetor nosition ant commanded direct 1198, The weighting
coefficients, \y and k;, wore selectad Lo mininize the probedility of o
nissed appredch (M) subject to prespecified limits on the rws coatreol
octivity. Ia this maaner, the structure of the selutien to the limser,
uadratic, Goussion optina) contrel preblen was vsed to defing the feed-
back gafas, and the cest functiens) (8) wes determingd 5o as to eptimize
the londing aggreach performance wiile accounting for the cestre)
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suthorities that are imposed on the flight control system. The value of
the structure of the solution to the linear, quadratic, Gaussian problem
is that Eqs (5) and (6) for the optimal feedback matrix F can be easily
and rapidly solved vis modern digital computer techniques. Thus the
problem is reduced to solving for k, and k; of Eq (3) which minimizes
PMA subject to specified rms constraints on the control activity. This
was done numerically by s dircct search minimization technique called
“pattern search.” The details of this minimization technique and the
digita) computer implementation are given in Ref 4.

As previously sentioned, & “sub-optimal” state estimate x {s
used in the control law forsylation given by €q (7). The form of thre
“sub-optimal” state estimator and the reasons for using the “sub-optimel”
state estimate instead of an optime? estimate of the state in the control
definition are given in Refs | and 4. This aspect of the optimsl control
low 13 mot particularly pertirent to this study since 1t is the optims)
feedback gains which we redlly wint. The interested reader can find
complete coverage in Refs | end 4.

Since the control law given by fq (7, wis developed for the case
where disturbance and measures nt noise are zero medn 4nd Gaussian, it
@0t a0t directly dea! with cases where $teddy winds and wind shears ars
considered. This approsch was taten to avoid the intractadilfity of
dealing with o prodadilistic description of these types of cisturbance.
It would 2150 de wnred)istic to prescribe & flight control law which took
into account & glven deterministic wind directly becavie they are in fact
rondon frem day to day and from one geographic location te amother. It
is possidle, howsver, to develop & control lew which suppresses the effect
of steady winds and wind shear 6h the deviation from glide slepe. This



is done by including a state in the system equations, €Eq (1), which is

the integral of glideslope deviation. In this way, the control law given
by Eq (7) incorporates an integral control which suppresses steady errors
in the glideslope deviation due to steady winds and compensates for the
wind sheurs. This approach was taken for the DC-8 using integral feedback
in ;lidcs'lopo tracking. Recall, however, that steady winds and wind shear
are taken as zero in this study.

The resulting automatic flight control system model used in the
data rate analysis is shown schematically in Fig. 4. The discrete Kalman
filter and the intersample exirapolator shown in the figure are used to
derive the state estimate X and are described in Ref 1. The portion of
the control system mode) that is of particular interest in this study is
the optimal feedback gains.
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IV. Standard

In this chapter a classically designed, advanced automatic flight
control system is described. This AFCS is taken from Ref 2 and it is
used as a standard in this study. This standard served to validate the
computational techniques of the digital computer program and was used to
compute baseline values for such figures of merit as the probability of
missed approach (PMA), rms glideslope deviation (o4), rms pitch angle
deviation {og), rms elevator angle deviation (°6e) and the rms elevator
actuator rate (0,). These baseline figures are used as a measure of
"goodness" with which to compare the sub-optimal AFCS design. Included
in this chapter are the feedback control law for the standard, the state
equation formulation for the standard, and a comparison of numerical
results from Refs 2, 6, and this study for the various figures of merit.

The standard automatic flight control system was designed using
"classical" multi-loop control techniques, and the design philosophy as
well as the control system is described in Ref 2. A block diagram of
the standard system is shown in Fig. 5. The standard does not represent
an existing system, but rather an advanced, high performance automatic
pilot and approach coupler of the type that would be required for suc-
cessful Category II landing approach operations in a moderate-to-severe
turbulence environment.

The 1nner loop of Fig. 5 1s used to feed back pitch and pitch rate.
Pitch rate 6 is fed back for short-period damping and to extend the path-
following bandwidth. A conventional feedback of pitch attitude 6 to
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achieve short-period stiffness together with path damping 1s modified
by a washout with a comparatively small time constant T,,. This has
the effect of retaining the short-period attitude stiffness, but it
trades path damping for a reduced glide path displacement due to normal
gusts. The gains and time constants used in the inner loop closure are
given 1n Table III.

TABLE III
Selected Gains and Time Constants for the AFCS of Ref 2

Pitch Rate and Attitude Stabi1ity Augmentation
1/Ta = 15.0 rad/sec
/Ty = 0.7 rad/sec
Kg = -2.0 sec

Kg = -2.0

Path-Following Regulation and Control
1/T¢ = 2.0 rad/sec
Kg = -0.00867 rad/ft
Kg = -0.0013 1/ft-sec
Kg = -0.0256 sec/ft

The outer loop provides the feedback and filtering of glideslope
displacement information and is referred to as a path-following loop.
Since the pitch attitude 6 feedback 1s modified by a washout, the air-
craft has no absolute attitude reference. This dictates the need for a
high quality path damping signal. In practice, this could be the derived
beam rate d, the incremental altitude rate h, or the result of a comple-

mentary filtering which could include output of a normal accelerometer.
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The analysis presented in Ref 2 assumed that in & high-performance system,
and on a relatively shallow glidepath, such as -3.0 deg, the complementary
filtering can be performed in such a way that, over the bandwidth of the
path-following loop, & pure or noise-free d signal can be provided.

A beam displacement signal is required for path acquisition and
stiffness. To this {1s added the integral of the beam displacement to
keep the aircraft on the reference glidepath in the presence of a head-
wind or a long wavelength updraft. The gain on the integral term 1s
limited by considerations of path-following stability, so that its
effectiveness is only felt in regulating against, at most, slowly changing
winds. Both the beam displacement and integral of beam displacement are
showmn, in Fig. 5, to be filtered by a low-pass filter with a time constant
Te. This filter is representative of the combined impedance of the fil-
ter capacitor and the rcceiver conventionally used in the VHF-UHF ILS.
Alternatively, T¢ can be taken to closely approximate the combined
characteristics of a receiver boxcar hold and ripple filter such as
might be used in connection with a microwave scanning beam system. The
numerical values for the gains and time constants used in the outer loop
closure are given in Table III.

The feedback control law for the system of Fig. 5 is arrived ¢t by
closing both feedback loops and assuming dc =0. The control law Sec 18
given by

Sec = - Y8 *+ 6¢

The first term Yg 1s given by

s s(s + 1
Ye.._Ke__+Kés--Ké—(s__/TE_)
S*]/Tm S*‘/Tw



where

1 %

— P oo ¢

Te KM Tw

The second term 6, 1s given by

where

and

Gc ® o Ydd

G Kt
s(s + 1/T¢)

K3s

i Kg(s + 1/Tg )s ¢ l/T¢4)(s +1/7q.)
s(s + 1/T¢)

P S . S NP

Te, X4 Te, X Ta, T¢

Expressing the control law equations in state-variable form requires

8 little “fiddling around” and the establishment of at least three dummy

states. For the

are

Uag = Xyvag *
W e Zyuyg ¢
q = Mg +
6=q

3 =U¢0 - w

benefit of the inquisitive reader the equations used

XM - g0 cos ve + ”ug“g - Xyg + Xggbe + x6th6th
Lyw + Usq = 90 sin vo - Zg ¢ 25 e * ththh

Mg + Mg - Mg + Mg B + Mg\ S

AN
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where O¢, d¢, 4nd y, are dummy states representing the output of the
washout, the output of the glideslope receiver filter, and the integrs)
of the filtered glidesiope deviation. The state y; represents the addi-
tive nofse placed on the glideslope deviation d. The gains, time con-
stants, and stability derivatives are given in Tables 1l and 111.

Comparison of Results
The numerical results of Ref 2 were validated by two methods: one,

using the digital computer program that was used in this study to compute
the numerical results, and two, an analog simulation technique reported
ifn Ref 6. The comparison is showm in Tadle IV.

The figures in Table IV show that exact agreement was not achieved
between the data of Ref 2 and the digital solution. Also note the results
of the analog simulation of Ref 6 do not agree exactly with those of Ref 2.
The digital computer results and those of Ref 6 tend to vary in the same
direction when compared to the results of Ref 2. The root sum squared
disturbance correlated error figures show fairly good agreement between
all thrce studies, and the vaiues for o4 and og of Ref 2 are used as a
basis for comparison in this study. A value for the ms elevator rate
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1s not given in Ref 2; therefore, & value of .1692 rad/sec, as computed
by the digital program, will be used for comparing control activities.
The response of the “standard” system to & pitch rate fmpulse 1s shown

fn Fig. 12 of Chapter VII.



V. Developing the Practical System

The main objective of this study is to determine 1f & practical
control system could be developed from a full optimal system through some
logical procedure. The step by step procedure is presented for two cases
using the equations of motion for the DC-8 aircraft as given in Chapter 1.
In the first case, airspeed wos assumed to be measured and available for
the contro! law, while the second case did not use airspeed. Before
starting, & brief review ¢f the complete procedure is given.

As explained in Chapter 11, the optimal control law i& developed
to minimize a given cost functional subject to certain constraints. In
order to arrive at this control law, it {s necessary to specify the measure-
ments which are assumed to be available. As previously mentioned, some of
these measurements are associated with the flight control system and are
available continuously, free of noise. Those measurements considered here
include sensed pitch attitude, pitch rate, and normal acceleration. Thesc.
are common to both cases presented in this chapter. The remaining measure-
ments are the glideslope deviation, the associated errors as mentioned in
Chapter 11, and for the first case, airspeed with noise and measurement
errors. The integral of glideslope deviation is derived from the glide-
slope measurement.

Once given the desired measurements, the optimal control law can
be solved to obtain the optimal feedback gains. The feedback gains include
a set of gains for an autothrottle. Since the approach flight condition
is at a trim speed above the speed for trim response reversal, both glide-
path tracking and speed regulation can be achieved with elevator control
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slone (Ref V). Since autothrottle is not needed, the first step 1s Lo
remove those feedbacks (fi.e., zero the appropriate gains). The procedure
continues, removing fecddacks, one at & time, until only those desired
feedbacks are left. Of those final feedbacks, glideslope deviation and
sirspeed must have measurement nofise added and thea be filtered. The
f11tered mpasurements are vied a the fingl control law 1ince they repre-
sent the information as 1t would really be ovailable for use in the AFCS.
If the feedbick control law 15 simplified further by removing feed-
bocks on measurements assumed available in the optimization process, the
resulting control low will be either unstable, seriously degrade approach
performance, resvit in high actuator rates, or result in poar pitch attitude
characturistics. The results of deleting the prespecified measurements are
given in Tadle V and reinforce the original hypothesis (i.e., the msasure-
ments spccified for optimization must be rtained by the practica) system).
A1l dats presented in this paper assumed & scamning beam system
os described in Ref 1. A sampled dats rete of 6 sanples/sec was used for
o1l cases. This figure was found to be an acceptabic data rate for an
AFCS incorporating normal acceleration information in the control low.

Control Law with Airspeed Feedback

In the first case, sirspeed information is assumed to be available
in formulating the control law. The procedure s described o step ot o
time and the results are explained at each step. The numerical dats for

eoch step are given in Table V.

Step 1. The equations are solved using the full state feedbacks
from the optimization routine (data rate analysis progrem).
This gives the performance attainable with full rtate
feeddack.



Step 2.

Step 3.

Step 4.

Tre optimization procedure cevelops two contro) lows: the
elevator control law and & throttle control law. Auto-
throttle was rot used in Ref 2 for the staedard and is
a0t needed, 50 the autothrottle feeddicis are deleted.

[levator position 1s fed back in the fyl! optima) system.
The stancard ¢oes rot wse elevator position 50 this feed-
back is Celeted.

The optimal feedback gains include feedback of the wind
gust intensities. Wind gusts connol be measured easily
50 feeding them Dock s not practical. These gains are
set to 2ero.

At this point, the contro) low consists of oniy the desired feed-

becks: airspeed v

s norma) velocity w, pitch attitude &, pitch rete q,

glideslope deviation d, glidesiope deviation rate 4, and the integra! of
glideslope muuonfd. To verify the corsiraint on the hypothesis of
Chapter 1, the prespecified feedbacks are now individually zeroed.

Step S.
Step 6.

Step 7.

Step 8.

sm ’o

lero the feedback on airspeed Vas ¢ the MA {ncreases.

lero the feedback on morwmal velocity w, and the PMA
incresses.

lero the feedbick on pitch attitude ¢, and the system
s unstadle.

Zero the feedbick on pitch rate q. This step ceserves
special coment. The previous steps showed & definite
detrimental effect on the performance while this step has
improved the approact perfermance PMA. Notice, howewer,
that the rems pitch attitude Ceviation has increased as has
the rms actuator rete. Removing pitch rate Teecback
decreases the response time but causes “he system to have
poor short-period damping. The light camping is more
evident when the system response to & pitch rate ispulse

is plotted as in Fig. 6. Inasmuch as PNS is computed

using the ras glideslope deviation, these high-freyuency
oscillations, having & low rms cooponent, contribute 1ittle
to the rms glideslope deviation and PMA. Mile the PMA

i3 acceptable, the high-frequency oscillations produce
unacceptadle ride qualities and unacceptadle pitch attitude
characteristics.

Zero the feedback on glideslops deviation ¢, and the
system is unstadle.

N
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Step 10.

lero the feacbick on the integral of glideslope deviation
and the control system will no longer compensats for

As mypothesized in Chapter §, the remova) of any prespecified feed-
bach resulits ia an unsuitible control system. Mow returning to the coatro)

system o3 1t was configured in Step 4, the glidesiope deviation and afr-
speed feodbochks must be mide L resemdle the “red’ world® medsurements.

s‘” "o

The glicesiope deviation messuremunt noise v, and errors
sSuch as explained in Chapter 11 are considered first. The
noise is acded to the glideslope deviation and & new stite
is introduced to represent the filtered ’Hmlm deviation
sedsurement d¢. The filter is shoum in Fig. 7. The time
constant T¢ wis chosen to minimize the PA. The value
selectod wis 0.1 sec. It was assumod the d¢ s als0 used
1o derive the integrel of ¢ feeddack.

Fig. 7. Glidesiope Deviation Neasurement Node!

Step 12.

Including sirspeed in the control lew requires that tne
problems 330ciated with seasuring airspeed be considered.
There is noise on Lhe measurement. But more important,
there exists significant Ctime log in the mpasurcment
Coused by Lhe sachanise used 1o nele the mpasurenent.
Airspeed masurenent &ivices cmtl{ in ute incur o
time nla{ in the order of 0.5 sec. It is reasonadle to
assume & log In sensed airspeed of 0.5 sec.® The seasure-
aeat device ws approsinated by o first-order lag. It wms

’irm &y fonsld Anderson, Alr Ferce Flight Dymamics Laboratery,
fght-Pattorsen AFB, Ohfo.



TABLE V

Numerical Results of Sub-optimal Control System with Airspeed Feedback

Step PMA Elevazgrvzlgsa::r Rate l?txﬁ1xﬁg?:
(rad/sec) (rad)
1 .02084 .16572 .02119
2 .02090 .16572 .02153
3 01719 16974 .02178
4 .01074 .23367 .02436
5 . 19926 .04219 .02097
6 .24631 .24463 .01781
7 unstable
8 .00187 .27216 .03177
9 unstable
10 .00468 .23137 .02374
n .01235 .23932 .02422
12 .03980 .10700 .02518
Standard .0366 .168 .0287
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assumed that most of the sensor noise present would be
filtered out by the device itself. The measurement
model is shown in Fig. 8, where T;=0.5 sec. The
measured airspeed is called uy. The system performance
is extremely sensitive to the airspeed measurement. A
delay of 1.0 sec was found unacceptable as the system
performance deteriorated greatly (PMA=,07304).

Uas ] Um
Ts +1

Fig. 8. Airspeed Measurement Model

The results of Step 12 represent the final system. The numerical
results are compared with those for the standard in Chapter VII. The
system response to a pitch rate impulse of 1 deg/sec is shown in Chapter

VII, Fig. 13.

Control Law Without Airspeed Feedback

This case is developed much as the previous case except airspeed
is not considered as one of the measurements available in the development
of the optimal feedback control law. Developing the control law with the
same measurements as those used in Ref 2 permits the comparison of a clas-
sically designed advanced system with the realizable sub-optimal system
where the same feedbacks are assumed to be available. The numerical
results for this case are found in Table VI. The step-by-step procedure
is as follows:

Step 1. As in the first case, the initial step is to use the
full state feedback.
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Step ¢. Delete all feedbacks to the throttle.

Step 3. Zero the elevator position feedback.

Step 4. Zero the wind gust intensity feedbacks.

Step 5. Zero the airspeed feedback. It should be pointed out

here that even though airspeed was not a prespecified
feedback, airspeed feedback does have a significant effect
on approach performance and control activity.

The control law now consists of just the desired (prespecified)
feedback gains, and measurement noise or filtering is not yet considered.
As in the previous case, these desired feedback gains are now individually
set to zero, one at a time. to validate the constraint on the hypothesis
in Chapter 1 and to show the resultant effect.

Step 6. Zero the normal velocity feedback.

Step 7. Zero the pitch attitude feedback.

Step 8. Zero the pitch rate feedback.

Step 9. Zero glideslope deviation feedback.

Step 10. Zero the integral of glideslope deviation feedback. The

improvement in this step is expected since integral feed-
Jacks have a destabiliziny effect. The cost of this
improvement is the loss of compensation for steady winds.

With fewer measurements available for the control law, the gains
are higher and the result of removing one of these feedbacks 1is much more
pronounced. This {is apparent when comparing the effects of Steps 6 through
10 of Table VI with the corresponding steps of Table V. Now returning to
the control system as it was configured in Step 5, the glideslope deviation
must be made to resemble the actual measurements.

Step 11. The glideslope deviation {s corrupted with noise y,, and

filtered as in the previous case. Originally the filter
in Fig. 7 was used; however, the effect of filtering
glideslope deviation was a reduced elevator actuator rate

and consequently a poor PMA. The filter of Fig. 7 was
modified by including a gain G in the numerator to

42



compensate for the effect of filtering. This gain was
varied to achieve the minimum PMA. This filter is shown
in Fig. 9, where T¢ is 0.5 sec and G is 1.27.

Tfs+‘l

Chapter VII.

standard but without the washout also experienced those oscillations.

Fig. 9. Glideslope Deviation Measurement Model with Increased Gain

Step 12.

The control system of Step 11 has a much poorer per-
formance than the standard. The standard achieved a

PMA of .0366 while the sub-optimal control system, at
this point, results in a PMA of .07316. A closer look
at the data reveals that one cause for the poorer per-
formance is a much lover rms elevator actuator rate:
.08058 rad/sec for the sub-optimal as opposed to .16779
rad/sec for the standard. The logical "fix" is to
increase the rms elevator actuator rate in the sub-
optimal system. To get the higher actuator rate, the
optimization routine was rerun with relaxed constraints
on actuator activity. This resulted in higher feedback
gains and in the final system, higher rms actuator rates.
It is important to point out the ease and quickness with
which this improvement was achieved. Because the equa-
tions are mechanized for computer solution, only one
card needed to be changed and the entire revision was
completed in less than a day. The final system response
to a pitch rate impulse is shown in Chapter VII, Fig. 14.

The final sub-optimal control law resul's in an oscillation when

the system ic perturbed by a pitch rate impulse as shown by Fig. 13 of

A classically designed system (Ref 7) similar to the

If these oscillations are considered undesirable, the pitch attitude

feedback can be modified by a ~jashout. This has the effect of retaining

the short-period attitude stiffness, but it trades path damping for a
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reduced response or glide path displacement due to normal gusts or pitch
rate impulses.

The realizable systems described in this chapter will be compared
to the advanced, classically designed standard in Chapter VII. The
numerical values for the feedback gains are given in Appendix A. The

directness and simplicity of this technique should be quite evident at

this point.



TABLE VI

Numerical Results of Sub-optimal Control System Without Airspeed Feedback
(6 samples/sec)

Step PMA Elevaggrvxlgﬁag:r Rate ;?t¥§135g?:
(rad/sec) (rad)
1 .00131 .26750 .02443
2 00131 .26750 .02443
3 .00100 2779 .02469
4 .00136 .34038 .02633
5 .05172 07137 .02250
6 .31705 . 14866 .01940
7 unstable
8 unstable
9 79171 .06014 .03216
10 .05173 .12369 .01895
11 .07316 .08058 02510
12 02154 .15095 .02680
Standard .0366 .168 .0287
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VI. Application to Direct Lift Control

In this chapter, the technique described in Chapter V is used to
develop realizable control laws for a hypothetical aircraft which has
the capability of using direct 1ift control. Direct 1ift control has
attracted considerable attention, particularly for possible use on STOL
aircraft, The primary purpose for considering DLC is to conceptually
show the significant improvement which can be achieved in glideslope
tracking and to demonstrate the versatility of this design technique.
Direct 1ift control represents a multiple input, multiple output system
which, for classical control techniques, is at best extremely difficult.
The optimal approach handles this case with comparative ease.

This chapter describes how DLC was conceptually considered for the*
DC-8. The modified equations of motion and actuator equations are given.
Two cases are presented in detail: the first case includes airspeed
measurements in the control law, while the second case does not. The
procedure follows closely that described in the previous chapter. The
numerical results for each step of the procedure are in Table VIII. The
system response to a pitch rate impulse is found in Chapter VII, Figs. 15
and 16. The numerical values of the optimal feedback gains are presented

in Appendix A.

Aircraft Model with Direct Lift Control

The investigation of DLC was performed on & hypothetical DC-8
incorporating idealized direct 1ift control. The model {is taken from

Ref 1, where it was assumed that ideal DLC would generate normal forces
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on the aircraft without significant changes in pitch attitude. The basic
afrcraft equations were adapted to include direct 1ift control by the

introduction of a new control input vector

where 4. is the commanded input to the direct 1ift control surface.
Thus the throttle control was replaced by a hypothetical direct 1ift

control.

The equations of motion in Chapter II were modified by replacing
the thrust stability derivatives (thr, Zéth, Méth) with a hypothetical
set of direct 1ift stability derivatives (Xéd, de. Mﬁd)' The equations

for the hypothetical "direct 1ift" DC-8 are

Ugg = X Ugs + XyW - g0 cos yo + wyglg - Xymg + xsede + Xg484
V'l L] Zuuas + wa - gH Si[l Yo t+ 'Joq had wag + l(ﬂede + Zédod
§ = MyUyg + MW + Mg - Mg + Mg 6+ Ms,6,

0 =q

d'er'W
The values for the direct 1ift stability derivatives are given in Table
VII. The remaining stability derivatives are left the same and are found
in Table Il. The disturbances are the same as described in Chapter 1I.
The differential equations for the elevator actuator and direct 1{ft

control surface are

&7



. 1 ]
= o= i =1

: 1 ]
§g B - 6q + = &
where 64 is the direct 1ift control surface deflection, Tq and T, are the

control lags on the direct 1ift surface and the elevator; T4 and T were

both taken to be .06666 secc.

TABLE VII
Direct Lift stability Derivatives (Ref 1)

"

Xé g 0.0 ft/rad-sec?

-50.0 ft/rad-sec?

1

Zad

Mey = 0.0 1/rad-sec?

The numerical value for st corresponds to a control effectiveness
of roughly 0.1 g noval acceleration for a 4° surface deflection. The
choice of X64 =Me4 =0 causes the direct 11ft control to be relatively
uncoupled from the 8, q, and u,. ecquations. This 1s especially true

since My is zero.

Control Law with Afrspeed

The first case considercd for the hypothetical afrcraft with OLC
included airspeed feedback in the control law. The other measurements
used in the optimization process were normal velocity, pitch attitude,

pitch rate, and sampled g  ideslope deviation. The procedure follows
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closely that used in the previous chapter. There are two control laws

of interest when considering DLC: the elevator control law and the direct
lift control law. Therefore, each variable has two feedback gains. The
numerical results are given in Table VIII. The step-by-step procedure

is as follows:

Step 1. The equotions are solved using full state feedback to
evaluste the systen capability using the full set of
optimal feedbacks.

Step 2. The wind gust intensity feedbacks are deleted because
wind gusts are not neasured in a realizable flight
control system.

Step 3. Feedback gains on the position of both the elevator and
the direct 1ift control surface are set to zero. This
case represents the prespecified feedbacks without con-

sidering measurement noise or filtering of the measured
signals.

The following series of steps were used to verify the original
hypothesis of Chapter I which stated that removing a measurement from the
control law which vas assumed present for the original optimization results
in a poor control system. In Table VIII, case (a) represents the result
when the particular feedback was deleted from the elevator control law,
while case (b) is the result when the same feedback was deleted from the
direct 1ift control law.

Step 4. lZero the sirspeed feedback gain.

Step 5. Zeiro tie normal velocity feedback gain.

Step 6. Zero the pitch attitude feedback gain.

Step 7. Zero the pitch rate feedback gain. Deleting pitch rate
feedback results in lower response times but higher settling
times. Just as in similar cases in Chapter V, the PMA is
satisfactory because the high frequency oscillations con-
tribute little to the rms glideslope deviation. The
oscillations cause a marked increase in the rms pitch

attitude. Removing pitch rate feedback results in poor
rice quaiity.
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IABLE VIII

Numerical Results of Sub-optimal Direct Lift Control System
With Afrspeed Feecback [Data rate, 6 samples/sec)

3o Velue of { g?rzzlufi:: lo Value of
Step PMA | Elevator Actuator Rate | Actustor Ryte Pitch Angle
(rac/sec) [ (rad/sec)
| .02428 | ,02960 L .19461 .01163
!

2 .00050 | .04361 .27452 .01187
3 .00035 .046423 | .27898 .01199
4a .00596 .00254 .27924 01114
b .16504 .06454 .03987 .01250
5a .00162 .06546 .27907 .00997
b .08778 .04443 .2934] .01163
6a .00146 .04554 .27968 .01561
b .12760 .04463 .29146 .01615
7a .00028 .04622 .27889 .01268
b .00000 .04423 .29391 .01247
8a .00053 .04425 .27389 .01149
b .08345 .04420 .27892 .01181

9 .0004, .04420 .27862 .01189
10 .00280 .01709 11152 .01208
Standard | .0366 .168 n/a .0287

NOTE: Case a represents the result when the particular feedback was
deleted from the elevator control law, while Case b is the
result when the same feedback was deleted from the direct 1ift
control law.
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Step 8. lero the glicesiope ceviation feecback gain.
The results of tne last five steps vaiidéte the original hypotresis
of Chapter 1. Now going bLechk 0 the control system in Step 3, the sanpled

glideslope deviation anc afrspeca will be handled as in the first case in

the previous chapter.

Step 9. The gliceslope Cevialion was assumec 10 bR ssapled ol
o rate of 6 sauples/sec ond 10 have Lhe Séty errors as
describec in Chapter il (i.e., brodcbard additive noise).
Tke notsy zeasurczent inforzation was fed into o filter
85 shicwn in Fig. 7. The filter lire constant was pickec
1o miny.ize the prolability of rmisseC approach. In this
Lase, the value seiectec was 7¢v0.2 sec. The fillered
¢liceslope deviation was then ;od back. The filtered
glidesiope devistion was also used to cerive integral of
gliceslope deviltiue.

Step 10. The airspeed was nandied :n the same manner 8s in the
first cese in Clagiter V. As before, 11 was assumed thet
any roise on ithe reasured airspeed would effectively be
filtered by ine nechanise of the reasuremen? cdevice. It
wos also assured thal Lhe cge urement would incur & time
1ag ¢ue to the mechanical rature of the medsurenient
device. The measurctacnt model is shown in Fig., 8 of
Chapter V. The time lag T, wis again taken 0 be 0.5 sec.

The realizable control system gives a very low PMA (.G0280). This
demonstrates the benefit of using GLC. The rms Girect 1ift control sur-
face rate dropped rore thaen half when the lag was placed on the airspeed
measurement. This points out the strong reliance on gooC airspeed mrasure-
sent for any AFCS which considers airspeed as a prespecified measurerment

in developing the optimal feedbacks.

Control Law Without Airspeed

Prespecifying airspeed in the control law cresies several probless,
As the previous case demonstrates, the control system with atrspeed feed-
back tends to be very cependent on this feedback. This dependency results
in the need for nign quality censors which will creste & minimum tine log

in the measurement and also filter out most of the noise. These disadvantages
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srovige noliveticn for deiclozing an 0pting! control lew withoul airspeed

feedbach. Thg procedure pirallcls 1hal of the second Case in Crapler V.

Tre pumerice) resylits are listed i1n Yadle {2,

Step 1.

Step 2.

Step ).

Step 4.
Step S.
Step 6.

Step 7.

ihe system Of €Cwations 15 s0lvec using tee full state
feedlaces from Uhe GP1INI202169 Drocadure. The systen
resporse 10 & pItea rate 1apuive of | dep/sec Is shown
in fig. 10,

AVL feediachs 16 he girect 112 control surface are set
(0 ¢er0 10 delerwing 1 e Cirect 1111 control léw can be
ellulrated, The resyiling AFCS is unstladle. Since OLC

i1t 2 prespecified control and 15 wighled Reavily in the
Gata reale ansiysis, ihe practical system will nave to
inclooe GLC.

Ire clevalor control gains were Geleled 10 Cetlerming 1f
the ¢'evalor ¢oule be €liminitad. The numerical resulls
ie Table (X ingicate tmal elewdlor conirc] is mOU neecded;
however, IMese NEswils 41 245eC on rms values and can be
nisleading, The comtro!l system wilhoul the elevator s
elually sligatly yadercatpet. The systiem response 20 @
plich rate inpolse of 1 ceg/sac 13 saown in Fig. 11, Tne
effect of elevalor conirol i3 quile evident when Figs. 10
erd 1) are conpared. The elevator control law is left in
the Syslen,

lero e 31rspoed foecbach Ga'n,
lero the position feecbdck Gaing on bOLR controls.

lero the wirg gust intlensily feectick cains. This system
represerils the finel system, before acdirg moise y; 10 the
glideslope dcviation,

As in previcus cases, the glideslope ceviation 15 mOw JOm-
binec with the fluctuation molse anC then filtered. The
friter is shown in Fig. 6. The sane lire corstany i3 ysed
o8 in the DASt Case where (¢*.2 seC.

Tne final system gave very Good results. 1o ellempl wis made Lo

inprove performurce through 48ding ¢eins to the gliceslope filter or by

relexing rms ocluator consilreinls in the optinization routire. ln an

actual application, the actuator rates would be fixed and the design would

tren be made to mect Lhe rates while here 4 hypothetical case was considered
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TARLL

Namerice) Agsylss of Suo-0ptina) Direct Lift Conirol System
wWitnoutl Alrspesc Feectack (Data rate, € samples/sec)

v Y |

; 3o Valee of ‘ g:r:::":ig: ' 1o Value of
Step A Dievaior Actuator Rate | o\ oo pare | PIUR Angle
| \rag/sec) (rac/sec)
| 00000 : .U0000 26877 ! .07
? ursladle |
3| 00000 .OPODC e .01
s | oo | 00000 206 | Loses
S i 00883 | 00000 L | .0
‘ .00445 | 00000 Lesse .01482
? i . 00658 .00000 184 n .01518
suumll .0366 | 168 | n/a | .028?

$)



GGC/MA/73-3

@(0)=1. DEG./SEC.

o

s

- |

cn N

woe

o |

Iﬂ'

=0 ]

:Cﬂ

ln‘ L ] L] ¥
‘0. 00 20.00 40.00 60.00

TIME (SEC.)
G(0)=1. DEG./SEC.

a

=]

(TH]

< ||

o

n".

- B2

S

(1

L

o2

we’

(i

z |

ol [

8?‘ | L] [ ]
0.00 20.00 40.00 6C.00

TIME (SEC.)

Fig. 10. Pitch Rate Impulse Response of DLC System
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Fig. 11. Pitch Rate Impulse Response of DLC System
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to point out the ease with which the optimal approach could handle this
multi-input, multi-output situation--not to achieve the best possible
performance.

The actual numerical values for the feedback gains are listed in
Table XIV for the case with airspeed feedback, and in Table XV for the

case without airspeed feedback. Both tables are located in Appendix A,
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VII. Summary of Results, Conclusions, and Recommendations

The summary of results, conclusions, and recommendations reached
in determining a design procedure using the "optimal" feedback gains

of the data rate analysis are enumerated in this chapter.

Summary of Results

The results of this study are summarized in the form of a table
and five time histories showing aircraft responses. In Table X, the
PMA, rms elevator actuator rates, rms pitch attitude, and rms direct
1ift control rates are listed for the "standard" and the final form of
eﬁch of the four cases considered. The time histories (Figs. 12, 13,
14, 15, and 16) show the system response to an initiai pitch rate impulse
of 1 deg/sec for the "standard" and for each case considered. The
“standard" and the two cases with airspeed have approximately the same
closed-loop frequency. The two cases without airspeed seem to have a

higher closed-loop frequency.

Conclusions

1. It has been shown that a set of optimal feedback gains can be
the basis for a practical control system, provided the following considera-
tions are properly accounted for in the optimization:

a. The cost functional reflects system performance:
b. Control activity is realistically accounted for.
c. The measurements available for feedback are taken into

account in the optimal design.
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Fig. 12. Pitch Rate Impulse Response of the Standard System
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2. A systematic procedure was developed which gives & good "first
cut” at a practica! control system.

3. The precedure 1s “clean™ and requires no “gemes” or “fidd)ing”
with the feedback gains.

4. The AFCS achieved in the case of the DC-8 without afrspeed
feedback compared quite well with the standard as shown in Table X and by
comparing Figs. 12 and 14. If the high-frequency oscillations in pitch
attitude, stown in Fig, 14, are considered undesirable, & washout on
pitch attitude feedback can be used to eliminate ther (Ref 7).

5. The incorporation of airspeed feedback in the control law
results in improved approach performance (1.e., lower P¥A) and & reduced
sensitivity to changes ir. the other feeubacks. When interpreting the
results in Table X, the reader must consider the value of the rms actuitor
rote as well as PMA to avoid being misled.

6. Diruct 11ft control was handled easily. The resylts for the
two DLC cases are presented in Tablc « and Figs. 15 and 16. The merit
of DLC in the landing approach task is evident from the results in Table X.

7. The res measures of "goodness” are good for a8 "first cut”
design but are not sufficient to assure a desirstle, safe, flyable AFCS.
Further analysis (i.e., pitch rate response plots, stability tests, phase
and gain margin checks, etc.) is required to assure & safe system.

Recosmendations
The following recommendations are suggested:

1. A better or improved measure of landing approach performance
is needed. PMA {s not adequate even when rms pitch attitude and rms
control activity are considered. What is needed 1s a measure of ride
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Gqualities or pilot rating. Rice quality can be ~valuated by looking et
the acceleration spectrum at the cockpit in t'e J to 5 cps region.

2. Adopt the approach to tasks other than landing approach, for
instance, weapon delivery.

3. Apply this procedure to design an avtomatic lending cuatrol
systen for remotely pfloted vehicles.
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APrENG.Y A

turericel Yaiues of Feecback Gains

Tne informetior {n Lhis eppendia s Vrncluded for the benefit of
enyone who might want to dupiicete this study or ¢o further resesrch in
this area. A1l values presented here are ‘centicel to the values used
in this study. The feedbacks retaired in the practical system are marked
witn an asterisk (°).

Tre feecbacrs on gifdeslopr deviation and airspeed are moved
fress the pure states (d, fd. uss) in the full state feedback system to

the filitercd or scnsed states (dg¢, fd(. ugz) in the practicel system.
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TABLE XI

Feedback Gains for the Standard System
(data rate, continuous)

[

State | Feedback to Elevator
Uas 0.0
W -2.5576 x 102
;] 5.8313
!
q ! 2.0000
Ug i 0.0
Wg 0.0
¢ - 1.0000
y2 0.0
d 0.0
L 0.0
fd 7.6863x10°*
df 8.5700 = 10}
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TABLE XII

Fendback Gains for the Sub-optimal System with Airspeed Feedback
(data rate, 6 samples/sec)

State Feedback to Elevator Feedback to Throttle
Uas 3.3678 x 107%* - .22531

W -6.4191 x 103+ 9.5716 x10-2
8 2.2657* -32.154

q .85460* -13.897

ug 1.0442x10°° - .18910

Wg -3.2762»10°" 9.5802 x 10?
Ya 0.0 0.0

d 3.0483 x 1973« -5.0314 x10°2
be -4.7493 %107 .78816

Jo 2.6690 x 10-** -2.3104 x 10"
8¢h 2.1731 x10°" -2.3412x107?

*This feedback is retained in the practical system.

69



TABLE XIII

Feedback Gains for the Sub-optimal System Without Airspeed Feedback
(data rate, 6 samples/sec)

State Feedback to Elevator Feedback to Throttle
Ugs 4.8803 x 10~ -1.3055 x 10-*
W -1.1965x 1072* 6.2504 x 10-%
6 4.3265* -2.1616 x10°2
q 1.4094* -7.9522 x 103
ug 1.2629 x 1073 -1.1141 x10-*
Wg -7.8283x107" 6.9985 x 107°
Y2 0.0 0.0

d 7.4510 x 103+ -4.3170x10°*
6e -7.6428 x107% 4.4071 x10™*
fa 3.4793 x 107** -1.3305x 10
Sth 5.7354 x10°" -2.6500 % 10"¢

*This feedback is retained in the practical system.
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TABLE XIV

Feedback Gains for Sub-optimal System Without Airspeed Feedback
Relaxed Control Activity Constraints
(data rate, 6 samples/sec)

State (GainsF::gbgﬁrc:?cE}eg;:::m Only)
"y 0.0

. -2.1154 x 107
. 7.7203

q 2.1266

" 0.0

" 0.0

v 0.0

; 1.6108 x 10°2
s 0.0

fd 4.6272 %10
Sin 0.0

n



TABLE XV
Feectack Gairs for Direct Lift Control System with Airspeed Feedback

State Feedback to Elevator Feedback to DLC Surface
Uas 6.4943 x 10~"* -4.0792 x 10~ %+
W -9.8753 x 10-4* 7.1767 x 10-3*
8 .34236* -2.5057*

q . 14456* - .98193*

Ug 2.3002 x10°* -1.3089 x 10~

W -4.0206 x 10"* 3.4499 x 10~

Y2 0.0 0.0

d 3.3161 x 107"+ -3.4505x 10" 3%

e -8.1636 x 10-? 5.4893 x 10-2
8dlc 3.2540x 103 -2,3556 x 102

*This feedback 1s retained in the practical system.
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TABLE XVI
Feedback Gains for Direct Lift Control System Without Airspeed Feedback
State Feedback to Elevator Feedback to DLC Surface
Ugg 1.8430x10°* -5.4850 x 10~*
W =3.5975 x 1074+ 1.4798 x 10~2w
8 - .12807* -5.2815*
q 5.2266 x 10-2* -1.7123*
ug 4.9343x10"°% - .10923
Wg -1.3738x10-% 9.5572 x 10"
y2 0.0 0.0
d 1.3172 x 1074 -9,3767 x 10~4*
e -2.9351 x 10! 9.2860 x 10°2
8d1c 1.1819x 10"} -4.8113 x 102

*Tiis feedback 1s

retained in the practical system.
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