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PREFACE

This Lecture Series is sponsored by the Propuision and Energetics Pane! and the
Consultant and Exchange Program, and is a review of some of the work of the Ad Hoc
Committee for Airplane Engine Interference.

The basic concepts related to optimizing airplane installations are descnbed, and some
of the analytical and experimental methods used for the investigation of such interference
are reviewed in detail. Subsonic, transonic, and supersonic ranges are considered.

The interference problems are discussed in two groups: (1) inlet-airplane interference;
and (2) nozzle and exhaust jet,.and airplane interference. A detailed discussion of different
experimental techniques presently used by different laboratories is given. A critical review
of the shortcomings of some of the new techniques used is presented. The problem related
to dynamics of the engine inlet-engine nozzle integration is reviewed, and a consistent set
of definitions of airplane and engine characteristics is given.

A round table discussion with the participation of all the speakers concludes the Lecture
Series presented in four different NATO nations (USA, France, Germany and England), from
22 lune to 4 July 1972,

A.Ferri
Lecture Series Director
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ENGINE AIRPLANE INTERFERENCZ
DEFINITION OF THE PROBLEM AND RELATED BASIC FLUID DYRAMIC PHENOMENA

by -

Antonic Ferri
Direcicr, Aerospace Laboratcry
Astor Professor of Aerospace Sciences
New York University
Bronx, New York 10453

1. INTRODUCTION

In the past, the development of aerodynamic technology has been based on the use and applicstion of
scaling criteria vhich have permitted the investigation of many aerodynamic configurations by means of
wind tunnel tests where carefully instrumented small scale models are investigated experimentally. The
extensive use of similarity laws, in order to investigate :=lternate solutions for a given problem, is
semevhat unique for the aeronautical industry, and is probably one of the reasons for the rapid progress
of this industry.

The basic similarity laws for aerodynamics requires simalation of ncndimensionsl parameters such as
Reynolds and Mach numbers, and for high Mach numbers, the Nusselt and Prandtl numbers. In view of the
difficulties encountered in similating all of the parameters in wind tunnel tests, we have learned to
extrapolate data from one condition to another; however, in some ranges of speed we have found difficulties
in performing these extrapolations. Besides the effects due to testing at different similarity numbers,
other effects are present that sometimes make it difficult to extrapolate small scale test results to
full scale. Such effects are due to imperfect simulation of the physical and geometrical parameters in-
volved in the experiments. The presence of tunnel walls creates substantial changes in the flow fields
at subsonic and especially &t transonic speeds. The presence of the support of the model produces {nter-
ference with the model flow, especially at subsonic and transonic speeds. Aercelastic effects interfere
with accurate simulation. 1In sddition, the lack of simulation of the engine flow intrcduces in some
instances substantial differences between the aerodynamics of tne actual airplane and of the model tosted.
The purpose of this series of lectures is to discuss the last problem in some detail, to review some
of the most rescent advances and some of the unresolved problems in this field, and to suggest pussible
improvements of better technijues and fislds of research directed toward a better understanding of the
problem. In order to outline the problems involved with the lack of correct representation of the engine
flow, I will review as an introduction some of the characteristics related to interference between the
airplane and the engine , and their effects on the calculated performances of the airplane. The problems
are somewhat different at subsonic and “ransonic speeds and at supersonic speed; therefore, I will discuss
the two velocity regimes separately, First, I will review the effects of the engine on the airplane.

2.  INTERACTION OF THE ENGINE FLOW ON THE AIRPLANE

2.1 Sutsonic and transonic speeds

The engine thrust is defined by the variation of total momentum of the flow entering the engine
betwaen free stream conditions existing far ahead of the engine and the conditions occurring at the exit
of the engine. The engine, by increazing the total momentum of this flow, produces internal thrust; but
at the same time generates external forces that affect the drag and 1ilt of the airplane. The drag pro-
duction is due to either viscous losses or shock losses. Therefore, in nrder to analyze the effect of
the engine, we must analyze the effect of the shocks and viscous phenomena produced by the engine on the 3
flov outside. The engine induces large pressure variations in the region in front of the engine and
behind the engine that can influence the aerodynamic properties of the airplane including 1ift and pitch-
ing momen”s. In vrder to understand qualitatively such effects, consider first an isolated axially
symetric engine necelle. At very low flight speed a turbojet ongine acts as & hollow body having a
distribution of sinks and sources at the axis. In the front we have sinks that accelerate the flow.
decause the flow velocity at the inlet entrance is much larger than the flight velocity, in the front, the
streamtube entering the inlet {s a rapidly converging streamtube, Fig. 1. The flow is accelerated and
heated by the engine, and at low speed the streamtube leaving the engine is imch smalier than the free
streantube and the streamtube at the inlet; therefore, the sink strength is larger than the strength of
the sources. The air leaving the engine mixes with the outside air. Such mixing occurs with a variation of
stresmtube ares; thus, the interference between engine flow and external flow extends downstream of the
engine. The mixing produces a varistion of cross-sectional area that is equivalent to a displacement
thickness corresponding to the mixing process. Such variation of area of the streamtube produces a
variation of static pressure equivalent to the pressure produced by a body of cross-sectional area equal to
the varistion due to mixing. Therefore, if the nacelle is placed frn the vicinity of an airf-ame, the nacelle
irduces a flow field that affects 1ift moments and skin friction drag of the airplane.

In the absance of the flow field induced by the airplane, the shape of the streamtube of the flow
entering and leaving the engine can be determined analytically. In the subsonic region, before localized E
supersonic regions appear in the flow, linear theory permits determining the streamtube shape in froni and
behind provided that a mixing analysis is cowbined with the linearized theory in order to determine the
shape of the mixing. Such types of analyses are availabla, and a computer program can be easily generated
provided that the turbulent transport properties are assumed from exparimental information.

A more complex analysis can be pertformed for the transonic region by means of the linearized transonic
analysis or by more complex traznsonic aualyses based on relaxation in time dependent methods. However,
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all of these analyses should include the miving regiuns behind the engine in order to use the correct
boundary conditions for the problem. Such a region incorrectly is not considered as a part of the problem
in 3ome of the work presently under way. Presently, such analyses are not performed systematically for
any new engine, and are not required as a part of an engiue's characteristics in spite of the fact that
the results could be useful in order t¢ evaluate engine performance when installed in the airplane. The
shape of the mixing displacemeut thicknesds depends strongly cn the cycle of the engine 1In general, if
we consider the mixing of two streams having the same y, the variation of the cross-sectional crea due

to mixing at constant pressure after couplete mixing 1s given by:

AA ~ (Hy/uy = Hp/u2) (uy ~ )

where the A 18 the increase of the streamtube erea at constant pressue, Hj and H2 the total enthalpy of
the two streams and u], u? the velocities of the streams. For an engine, the jet velocity ujy is alwass
larger than the external velc- 'ty up>up. At low flight velooities up is small and H2/up 12 larger than
Hj/ul; therefore, the mixing between the external flow and che engine flow tends to produce a converging
streamtube. In a bypass 2ngine, we must consider three streams, The engine flow can have a value of
Hi/u) larger or smaller than the value of Hy/uz of the fan flow, depending on the compression ratio

of the fan and flight velocity. At low flight speed, the value of Hy/u) increases rapidly when the fan
compression ratio decreases. Then at low speed for an engine having low pressure ratio fans, the con-
verging of the stresmtube downstream of the jet due to the mixing of the engine flow and fan flow is very

large.

Figure 1 indicates schematically the variation of streamtube area of a bypass engine having bypass
ratio 6 and 40,000 1lbs takeoff thrust, at flight Mach numbers of 0.15 sea level. The streamtube converges
from an area of 120 ft2 corresponding to free stream conditions to an area of 50 ft2 at the exit. The
displacement of the mixing is negative; therefore,the streamtube continues to converge. Consider now an
airplane having engines placed in nacelles under the wings. When we perform a model test in order to
determine airplane performances, we should represent this flow field correctly; therefore, if we do not
use engine simulators, we should insert under the wing bodies having roughly the shape of the streamtube
of the engine. However, the interaction among the airplane flow fields and the jet flow fields changes
the local pressure, which therefore changes the equivalent body shape; then, the equivalent body shape
is nonsymmetrical and is not known "a priori" from a calculation for a uniform flow field. These inter-
action effects, howeve , can be determined by means of an {teration procedure. Often, experiments are
made where the nacelies are either not repvesented, or are represented by duct ' having the same external
shape as the engines and passing some flow through. The second approach 1s leis satisfactory than tle
first because in the absence of an engine simulator placed inside the nacelle, the mass flow entering
the inlet of the nacelle !s much less than the engine mass flow (unless the exhaust area is increased)
because a pressure drop occurs inside the nacelle. Then the streamtube shape entering the nacelle is
quite different than in flight, and the flow field in front of the engine and behind it is quite different
from the corresponding flow field in the airplane. These effects are large at all speeds, and are import-
ant especially at transonic speeds.

Figure 2 gives an indication of the difference of streamtube cross section requized at the exit

for different engine cyles, and for the case of a cowling without an engine simulator when the inlet

mass flow is matched. The data are for N, = 0.90. The figure algo gives the streamtube of an engine
simulator which simulates accurately entrance conditions, exit Mach number, exit area, and exit pressure;
but not exit temperature for a typical turbojet and turbofan. In the data presented, it is assumed that
the engine simulator has a compressor that compresses the air entering the inlet which is simulated, while
the turbine that drives the compressor is driven by compressed air carried in from the outside through a
channel. Then the exit mass flow is larger than the eutrance mass flow and includes inlet air and turbine
air. Such additional air balances the lack of heat addition; then the area Mach number and pressure are
matched at the inlet. For the turbojet engine, a case where transition from laminar co turbulent mixing
occurs at some distance from the nozzle is also shown. The differences of streamtubes ure large, and in

some cases can be important.

Figure 3 gives an indication of the differences between the streamtube area for engine simulators used
in this type of testing for a bypass engine and sn actual engine. In this simulation at M.~ 0.85, the
entrance mass flow chrough the inlet is less than in the actual mess flow cngine (14X less); the pressure
ratio through the fan is the same, the exit area of the main engine is smaller, and the flow from the
engine simulator is cold; therefore, the same discrepancy as shown in Fig. 2 exists for the mixing region.
The difference in streamtube area for four engines in full scale corresponds to 17 £t2 initially, and
becomes 32 ft2 at some distance. The importance of these effects should be evaluated, and if important,
corrections to the experimental data should be introduced.

Two altemate solutions are suggested:

(1) test without nacelles and make analytical correctionms,

(2) wuse engine simuiators.

The first approach is already used during the preliminary design phase; however, corrections are seldon
performed in spite of the fact that they are possible for podded engines. The second solution requires
wore complex and expensive apparatus, and even with the additional complications, cannot give a completely
satisfactory simulation; therefore, even in this case analytical methods that permit estimating such

lack of complete simulation should be used.

The experimental resu’ts in wind tunnels are uaually corrected for wall effects; however, numerical
wethods are not yet available to evaluate corrections for engine interference on the airplane. Such
wmethods could be generated within the ability of present analytical methods for podded engines as used
in transport airplanes. The problem for engines imbedded in the fuselage is more cumplex, and requires
further investigations; however, some correction is possible ¢ven for this case. The method to be used
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ave fairly simple because superposition of solutions is possible (e.g., Ref. 1}. Numerical programs
based on superposition uf sclutions can define the equivalent body shape that represents the engine flow
as a gunction of the flow field produced by the airplane for subsonic flow. Then by using, as an input,
experimental data that defines the flow field of the airplane without the e¢ugine, the flow field induced
by the engine on the airplane can be determined. If required, interaction procedurcs could be used in
order to obtain a second order correction on the streamtube shape. The basic concept suggested here is
to use a combination of computers. The wind tunnel is used as an anaiog computer for tha data simulation
of the airplane flow field because of its ability of determining viscous flow effects and three-dimensional
flow. Then a digital computer {s used to determine the equivalent body that represents the engine, flow
in the presence of the airplane flow, and the influence of such a body on the airplane. The use of
englne simulators simplifies sdmewhat the experimental problem; however, even in this case the simulation
13 not perfect and therefore the influence of the diffe-ances should be evaluated. The problem becomes
rore difficult when transonic flow is present because in tils velocity range, the numerical analyses are
much more complex, and at the same time the effects of variation of cross-sectional area of the engine
flow are more important. Presently, research is in progress for the analysis of the flow field around
nacelles as shown in Fig. 3. Unfortunately, in the analysis it is assumed that the streamtube leaving
the engines does not mix with the external flow; therefore, the boundary conditions downstream of the

fan and the engines are not representative. The =ffect of the mixing of the fan flow cen be intrvoduced
as a correction of the boundary conditions, and can be determined in advance from the determination of
the displacement thickness obtained from a calculation of the mixing; however, the introduction of the
mixing of the flow field downstream is more difficult because it affects the pressure distribution.

2.2 Supersonic speed

The interaction of the engine on the airplane at supersonic speed is limited to the region downstream
of the inlet. Such interaction is very important and can be utilized to produce lift or reduce drag of
the airplane. In many installations we can define an L/D of the engine defined as the increase in lift
due to engine interference, divided by the additional external drag produced by the engine. The fact
that the inlet and inlet spillage produces not only drag, but also 1ift is important, and is a factor
in the selection of the inlet configuration and engine position.

The basic conceptional principles for the utilization and analysis of favorable engine alrplane
{nterference has been given in Ref. 2. Consider Fig. 4 (taken from Ref., 2), the equivalent body that
represents the variation of streamtube entering the engine can be represented as a distribution of
singularities. The singularities are sources and sinks for axially symmetric configurations, and multi-
poles for nonsymmetrical configurations. Both the airplane and the equivalent body induce a flow field
that can be calculated. The front part of the body produces a pressure rise in the rear part of the
wing, decreasing pressure drag and increasing 1ift, while the front part of the wing produces a pressure
rise in the rear part of the body decreasing the pressure drag of the body. The effect of such flow
fields can be evaluated by simple integral relations if the interaction is felt by flat surfaces, or it
requires numerical integration if the surfaces are not flat. In any case, the pressure field induced by
the equivalent body caa be evaluated and the variations due to interference can be obtained provided
that linear theory can be applied.

Figure 5 indicutes inviscid polar diagrams for an isolated wing, and a wing and additional body con-
veniently shaped,placed under the wing. The body increases the shock drag and also the lift; therefore,
the L/D is increased by the presence of the new body. The possibility of increasing lift is important
because it tends to decrease the penalties due to external compression for the inlet. As mentioned
previously, the analysis of the interference effects can be performed easily when linear theory is
utilized. Improvements on this type of analysi: can be obtained by using the Whitham type of analysis
which 1s used extensively for the analysis of sonic boom. In this case, the intensity of the perturbation
is still given by the linear theory; however, the propagation of the perturbation is given along a Mach
line or shock that takes into account the change of speed of sound, and che effect of velocity disturbances;
therefore, the Mach line {s not inclined at us (Mach angle of the undisturbed velocity) with the flight
velocity but at (u+0)19cg]1 Where u is the local Mach angle and O the inclination of the velocity. Either
linear theory, or experimental data that gives the flow field produced by the inlet, or more accurate
theory can be used to determine the disturbances produced at the surface of the body that represents the
engine streamtube. The propagation of such disturbances is determined by the second order theory of
Whitham as described in Refs. 3 and 4. The interaction and reflection of such waves with the airplane
surface 1s determined by linear theory. Then the effect of interaction on local pressure is obtained by
two components. The first i{s proportional to the local velocity perturbation produced by the equivalent
body, the propagation of which is analyzed in second order; the sccond contribution is cbtained by
assuming that a source sink distribution is present, defined by the local component of the velocity
perturbation normal to the airplane surface generated by the equivalent body representing the engine,

The intensity and distribution of sources and sinks is proportional to this normal component. Then the
velocity and pressure at sny point generated by this distribution can be obtained from linear theory,
and the second component of the interaction determined.

At high Mach numbers, this type of analysis is unsatisfactory because all analyses depitnd on the
validity of linear theory. Then either experimental investigations, or more complex analyses, are
required in order to obtain the perturbation flow field at small distances from the inlet. Time dependent
types of analyses are attractive for such investigations., The extrapolation to larger distances can be
obtained with the method described above, or with improvements of the method as described in Refs, 3 and 6.
The distance where extrapolation is possible is defined by the necessity of existence of a sclution given
by linear theory at the distance considered; therefore, it is a function of the Mach number and local
intensity of the disturbance.

3. INTERACTION OF THE AIRPLANE FLOW FIELD ON THE ENGINE PERFORMANCES

The effect of the flow field produced by the alrplane on the engine performance is strong for engines
{mbedded {n the fuselage and is smaller for podded engines. Usually, fcr podded engines, simple corrections

e R B



W

Ty

1-4

can be introduced on the isolated engine performances in order to take care of such effects, However, in
some cases, at low flight speed and for high bypass engines, even for podded engines the interaction of
the airplane flow field can be important when the airplane changes substantially the pressure field at the
exit of the fan. This local change of pressure affects the split between engine and fan mass flow, and
therefore the bypass ratio. In addition, this pressure field induced by the airplane is not uniform

t* - it can produce nonsteady fluctuation in the flow of the Ian by producing peripheral variations .{
.. pressure at theexit of the fan. These effects can be present only at low speed because at high subsonic
speed the flow leaving the fan becomes sonic or supersonic even for low fan pressure ~atio engines.

Wha“e the flow induced by the airplane does not affect substantially the engine performances, when
podded engines are sidered, the flow can affect the external drag of the nacelle. Because of the pres-
ence of the airplane, large cross flows can exist at the exit of the jet. Such cross flows at transonic
sfeed and supersonic speed can affect substantially the nacelle crag of the engine. Some mismatch of static
piessure of flow direction is presented at the exit of the fan flow, or engine flow. Then some local sepa-
ration takes place near the nozzle exit., This separation usually is beneficial because it tends to decrease
over-expansion and therefore drag, Fig. 6.

The local separation and the amount of drag depends on the momentum and temperature thickness of the
boundary layer. Such quantities are strongly affected by the presence .f cross pressure gradients and
cross flows because they distribute the boundary layer nonuniformity around the nozzle, Therefore, the
airplane pressure field can modify the nozzle performances and the nacelle drag. (This effect will be
discussed in more detail later on.)

The problem of interference is of primary importance when the engine inlets and nozzles are either part
of the fuselage or are located on the lower surface of the wing. In these cases, the flow induced by the
wing or by the fuselage interacts with the inlet and the nozzle of the engine and affects enzine performances
directly. This problem is especially important for airplanes that must have supersonic capabilities aacd good
performances at transonic speeds, and must operate efficiently and at high angles of attack during maneuvers,
For these configurations, the airplane and engine flow are closely interdependent; therefore, the effects
of the airplane flow on the engine performances,and of the engine flow on the airplane perforwances,are of
primary importance. The compromigse of the inlet and nozzle design for a given engine, selection of the best
engine cycle, and engine location, must take into Jccount from the beginning interference effects. The
flow field produced by the fuselage in locations convenient for inlets either at subsonic, transonic, or
supersonic velocities, Is highly nonuniform eespecially at large angles of attack. The cross flow generated
by lack of axial symmetry,ovr angle of attack, produces vortices und regions of local separation that start
in the front region of the fuselage which can enter the engine inlet. The non-uniformities entering the
inlet generate large distortions in the inlet flow that either can be unacceptable for the compressors or
the fans, or can produce penalties in performance. A large amount of experimental information has become
available recently in this field (e.g., Ref.7). Such results indicate the importance of the problems and
some possible solutions; some of the most important results will be discussed later on. Here, I will limit
my attention %o discussing possible analytical contributions to the understarding of the problem. The in~
viscid flow field can be analyzed accurately at subsonic and supersonic speed. Recently, analytical methods
have been developed also for transonic speed; however, such available analytical methods are not fully
utilized in airplane design practice. The reason i{s that the boundary layer effects cannot be predicted
by analysis as accurately as the inviscid effects, and they »roduce important modifications on the flow
field. The boundary layer properties and the production of separated regions are a function only of local
pressure gradients. Th> recent avajlability of a large amount of experimental infon ation in this fileld
gives indications of such dependence; therefore, it will probably be possible in the i ture to generate
analytical prediction methods of the flow field taking into account the presence of boundary layers, pro-
vided that the available experimental data are utilized to define the properties of the boundary layer,

When the available information is used, a generalized numerical program could probably be generated that
defines approximately th. flow field and permits extrapolating experimental data performed at low Reynolds
number to higher Reynolds numbe;s. The availability of such a type of analysis would help the designer.
Such analysis could indica“2 proaising directions of configuration changes required to eliminate an exist-
ing problem, and could help during preliminary design to select the more promising locations of air intakes
and engines, and fuselage shapes in a given airplane configuration. The integration of analytical and
enperimental information in a numeri.al method for fuselage flow analysis, should be the next step of the
research program in this field. Such a type cof analysis should cover the subsonic, transonic, and super-
sonic ranges.

In connection with the interference between airplane and inlet flow at subsonic and transonic speed,
careful attention should be given to the interpretation of experimental data. Often the airplane inter-
ference on an inlet is determined experimentally in wind tunnels by determining the forces on the region
of the alrplane configuration extended in front of the inlet in the vicinity of the inlet, and on the
inlet, without correct representation of the rear part of the airplane. Such m2asurements can be highly
misleading at subsonic and transonic speeds.

Assume, for example, that we inveitigate the effect of a ramp AB placed in front ~I an inlet, as shown
in Fig. 7, and we want to compare the drag of a given airplane inlet combination at subsonic or transonic
speed for the case where the inlet has ramp AB (configuration a), and tor the case of an inlet without
the ramp (configuration b). If we measure the force only in the froni part of the airplane, in front of
section S~S for the same inlet mass flow, then we find that the ramp produces an additional "apparent"
drag because the streamline entering the inlet is inviscid and has a bump where the pressure is above
atmospheric. However, such a drag is balanced by a thrust in the rear part of the airplane, Therefore,
at subsonic speed, this “ramp drag" is mainly due to the testing technique and is not an actual increase
!n drag of the airplane unless the reccvery in the rear part of the airplane is reduced by viscous
vhenomena. This can be seen immediately if we analyze the pressure dig¢tributinn in a subsonic "bump” as
shown in Fig. 8. The pressure aiong a corrugated surface at subsonic speed is symmetrical and the pressure
in the front part balances the pressure in the rear. Therefore, if the total displacement is zero, the
inviscid drag fs also zero. The two possible sources of drag are viscous effects and localized shocks,
The viscous losses and formation of localized shocks occur in th2 region of the airplane that is not
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represented in the test, and therefore cannot be measured. Any measurcment of losses at subsonic and tran-
sonic speeds without a careful investigation of the downstream conditions can lead to incorrect conclusions
The only valid investigation for this type of test is an investigation that attempts to determine the :
presence and defines the intensity of additional viscous and shock losses independently of the pressure
field.

A similar type of comment applies to the experimental investigation of the boundary layer scoops
either at subsonic or supersonic speeds. 1In all inlets attached to the fuselage or wing, the boundary
layer produced on the surfaces in front of the inlet i’ directed outside of the inlet by boundary layer
1 diverters or scoops that connect the low velocity flow inside or in front of the inlet to a region of
lower pressure. The drag o such scoops depends on the pressure variation of the boundary layer flow.

A large part of the flow in the scoops is either transonic or subsonic; therefore, the flow has subsonic
characteristics and the pressure variation inside the scoop depends substantially on the downstream con- K
ditions. Such condjtions depend on many parameters; e.g., the geometry of the rear part of the airplane,

the Reynolds number of the tests, and on the angle of attack of the airplane, Therefore, experiments on
boundary layer scoops should, as a first step, prove that the downstream conditions are correctly repre-
sented, This could be done by measuring the pressuve on the airplane in the region of the boundary layer
k scoops and by checking that the pressure in this region is reproduced in the inlet tests. Often this
type of proof is missing in the report describing such experiments.

e F

4. INTERACTION BETWEEN ENGINE FLOW AND EXTERNAL FLOW NEAR THE NOZZLE

Caea maat

One of the most important interactions between the airplane induced flow and the engine flow occurs
in the region of the engine nozzle. Here, especially at transonic speeds, & large percentage of the i
airplane drag 1s generated. Such a drag is controlled by the interaction between the internal and ex~ ¢
ternal flows; therefore, the most complex compromise between external and inter.al performances is
required in the selection of nozzle design., The difficulty is increased by the fact that the effect on
the external drag is not included in the definition of engine performances, and by the fact that in
practice two independent engineering design groups are responsible for the designs of the configuration
of the nozzle that controls the internal flow and for the configuration of the externsl shape of the
fuselage.
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The presence of large external drag in the region of the nozzle exit is somewhat related to the
characteristics of the engine design. The flow leaving the turbine has low exit Mach number, and is
discharged through annulus; therefore, the turbine diameter is much larger than the diameter of the
minimum area of the nozzle where the flow is sonic. In order tc minimize heat and viscous losses, the
transition fron the tuzbine to the nozzle is short; therefore, the vear part of the engine has a very u
rapid converging section at the end. Only for supersonic flight a diverging section follows the converging
; nozzle reducing the difference between turbine and exit nozzle diameter. Therefore, this effect is
maximum at transonic speed. For example, for a typical bypass engine for a subsonic transport, the
ratio between the diameter of the engine in the turbine region to the nozzle of the main flow is of the
order of 1:4 - 1:6. This rapid convergency of the engine tends to produce large local overexpansion
that tends to produce pressure drag. When the engine is placed on a pod, the local external area
change can be balanced by an area increase produced by a different component of the airplane, such as
the wing or the fuselage; therefore, the effect on overall drag at transonic speed can be minimized.
However, when the cngines are placed in the fuselage, usuvally the nozzles are located at the end of the
fuselage, then this compensation is impossible. Therefore, at transonic speed substantial drag is !
generated by this region for alrplanes having engines in the fuselage. The main reason for the selection ;
of the positioning of the engine in the rear part of airplanes of this type,is due to the fact that the i
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3 exhaust gases of the jet are at hign temperature; therefore, the solution where the engines are placed in
front, and the gases are discharged underneath the fuselage would produce severe aerodynamic heating for
the skin of the fuselage in contact with the jet. Many parameters affect the drag near the jet exhaust, ;
some of which are related to the airplane design, others are defined by the details of the engine design, j
A correct representation of all the parameters involved in a small scale experiment is extremely difficulr, 1
and the importance of some of the parameters cannot be defined "a priori;" however, presently the possible
importance of some of these parameters is not clearly recognized. A detailed discussion, therefore, of
such interaction could be useful., Consider first an axial symmetric installation similar to the case

of a single jet airplane. Usually, the inside flow generated by the engine has several streams nixing in-
side the nozzle, each having different stagnation properties. Figures 9 and 10 indicate two different pos-
sible configurations. The Zirst has a converging nozzle, the second used for supersonic airplanes has

a converging, diverging sectann.

Figure 9 schematizes either a jet engine or a bypass engine where the bypass flow is discharged ahead
of the engine nozzle:The tlosat pdnt ¢ includes the bypass and the engine flows, and only some cooling i
air is discharged between the airplane shell end the nozzle engine. In the converging region of the 5
fuselage, some ge, tration occurs in the outside that tends to decrease the drag of the airplane. The
seraration region ls controlled by several flow parameters. The flow in front of point B is locally super-
sonic at transonic and supersonic flight speeds; therefore, the flow outside is qualitatively similar to
the flow over a supersonic or transonic wing in the region of separation. The separation point B is a
function of th2 boundary layer profile in front of B. In this case, because of the difference of the
separation in the wing, both velocity and temperature profiles must be considered as parameters since some
heat transfer takes place between the structure of the engine and the boundary layer due to the fact that 3
4 the inside flow has higher temperature than free stream. At transonic speed, the separation of the boundary
3 layer produces an envelope shock and the Mach number downstresm at point D is of the order of one, Then

WP Npre s ea ray R b
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the pressure rises from D to C, and at C the pressure is higher than at D. The position of B depends on i
the ability of the flow along the streamline BIC to overcome the pressure¢ rise between B and C, At B,
the velocity along the streamline is zero, at D it is higher than zero and at C is again zero. The velocity 3

profiles are qualitatively indicated in Fig. 9. The pressuxre rise rejuires a balance between shear forces
and pressure gradients and 1s accomplished by the work due to the shear produced by the velocity gradients -
normal to the streamline. This shear depends on the characteristics of the flow inside; the flow at A ex- i
9 pands because the flow at the jet is slightly underexpanded. Due to this underexpansion, the pressure ;
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at C depends on the characteristics of the inside flow that affects the pressure distribution along AC.

4 In addition, the shear along AC contributes substantially to accelerating the flow in the separated regiom,

DC; therefore, the shear along AC, and the pressure along AC, depend on the inside propexties of the flow

and on the outside properties of the flow. Then addition.l parameters that are important for the definition

of point B and of the pressure along BA, are velocity and remperature prcfiles of the boundary layer flow

at A, expansion process of the internal flow related to tie flow distribution at the nozzle exit, velocity

and temperature profiles of the bourdary layer of the external flow at B, in addition to the main properties s
such as tocal enthalpy, Mach number, and pressure of all flows. The mixing along EF between cooling flow

3 and main flow affects directly the pressure along AC, because 1~ defines the profile of chke velocity at A;

therefore, such mixing must also be considered in experiments,

; In addition to these flow quantities, other parameters are of primary importance. The pressure rise

- along BC and AC is related to shear due to turbulent mixing. The mixing is affected by swirl of the flow,

. by leakage of the flow across the sections of the variable nozzle. Therefore, a representative test requires

' the control of many other parameters above the ratio of the jet Mach nurber and pressure at A, For this
reason, it is improbable that the use of engine simulators in the form of small rocket engines, or turbojet

. engines, that simulate only a few overall properties of the flow can give significant qualitative results

3 without substantial additional tests of analyses that investigate the importance of the parameters not simu-

lated. For example, the presence of coolant flow in the outside of the engine, or leakage of engine flow

through the nozzle, is usually not considered in nozzle tests. Such flows can have significant eifects be-

cause they define the velocity and teuperature profiles at A. The scale of the turbulent fluctuations of the

engine flows in the presence of swirl are also important parameters of the problen because the turbulent mix~

ing along AC depends on such quantities. Such quantities could and should be measured in the tests of the

: actual engine, and scaled correctly in the simulation, The scaling laws, however, have not yet been cleaily

1 determined.

The mass flow of the secondary flow 1 depends on the pressure distribution at E, which is controlled by
the shape of the nozzle and by the mixing occurring before A, and by the pressure at A. The possibility
exists that the mixing between secondary and primary flow is slow, and tha: a reverse flow takes place in the
outside and inside of the nozzle, Fig. 9b.

When the nozzle has a divergent section following the throat, then the separation at transonic speed, or
at low subsonic speed occurs in the inside, Fig. 10a; while at higher Mach numbers and at design speed occurs
outside, Fig. 10b, Again, the separation region is controlled by the mixing of the inside flows, and by
their interaction with the outside flow, which 1s controlled by the details of the inside flow such as tem-
perature and velocity profiles, turbulence level,and scale, in addition to stagnation properties and geometry
of the nozzle.

In some instances part of the external flow is used to fill the engine nozzle, which is designed for
supersonic performances, Fig. 1l. Then mixing takes place between the cooling flow and the external flow,
and betweon these flows and the main jet. The external flow first expands and then is compressed through a
shock wave. The expansion and the shock produce external drag that must be considered as part of the
engine performance. The problem is similar to the problem described before; however, here the mixing process
inside {s more complex. Here the datails of <he external boundary layer are extremely important because they
define the amcunt of expansion occurring outside and the amount of mass flow entering the engine.

In actual applications, the flow outside the nozzle is three-dimensional. Then the pressure at A of Fig.
9 is also three-dimensional. As a consequence, the secondary flow 1 of Fig. 9 and the secondary tlow 3
coming from the outside in Fig. 11 are not axially symmetric. The mass flow of these streams changes around
the periphery of the nozzle, concentrating in the region of low local pressure. This effect makes the prob-
lem extremely complex and more difficult to i.vestigate. It is clear that such complex pkenomenon cannot bec
investigated by tests of wind tunnel models of airplane configurations alone even if complex engine simu-
lators are used. Experimental programs, with a combination of isolated nczzle engines, where external flows
and three-dimensional effects are simulated and engine simulators installed on the alrplane are used, are the
more promising.

‘Presently, the research in this field 1s unsatisfactory because it has been directed mainly toward the
determination of selecting satisfactory nozzle designs, rather than toward a better understanding of the in-
fluence of the different parameters and development of good testing criteria. Many of the parameters such as
properties of secundary flow, turbulence level, or effects of nozzle leakage, and three-dirensional flow, are
usually not cons’dered in present tests; therefore, substantial additionzl basic work is required before a
satisfactory, analytical, and experimental technique is developed, that permits evaluating nozzle airplane
interference.

5. CONCLUDING REMARKS

This brief introduction indicates that substantial additional research work is required in the field of
engine airplane interference. We will follow up with a detailed discussion of some of the most important
probleams. Here, ounly one conclusion will be made.

In the problem of engine interference, like in many other important problems, the tendency in the past
has been to rely mainly on experimental data; this should be changed. New approaches are required where
analog and digital simulation {8 integrated, where the wind tunnel or test stand furnishes analog data.

Then, corrections generated by numerical methods are introduced to these data in order to improve the results
obtained. Such approaches should be used extensively in preliminary design, and in the deteruination of
engine snd airplane performances.
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Fig. 1 Streamtube variation for typical bypass engine at M = 0,15
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Fig. 11 Nozzle with outside additional flow.
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INLET/ATRPLANE INTERZERENCE AND INTEGRATION
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SMMARY

Discussions will be presented on the basic technological problems and potential solutions relating to
the development of inlet and sirframe design criteria. Results of the analytical and experimental
work conducted will be presented emphasizing details of closely coupled inlet airframe concepts. Inlet
flow fields generated by basic forebody and forebody/wing combinations will be reviewed together with
an analysis of the effects of variations in fuselage shape, forebody camber, wing geometry and inlet
position. Problems associated with boundary layer development and vortex ingestion will be discussed
in terms of their effect on inlet design, Attitude effects such as angle of attack and angle of yaw
will be reviewsd. The losses due to spiliage, bleed and bypass flows will be analyzed as they affect
vehicle performance. Criteria will be reviewed to minimize such loss for the development of optimal
inlet/airframe psrformance. Specific problems relating to the subsonic-transonic flight regime and
the supersonic regime will be presented.

LIST OF SYMBOLS
A Area Angle-of-Sidesli
AXI Ad symetric g Quantity changs P
Ao/Ag Capture Area Ratio or Mass Flow Ratio S Boundary Layer height
B.L. Boundary layer S2s ©p  Varisble ramp deflection angles
Cp Drag coefficient D/qo Ao oL Cowl 1lip angl-
CL Iift coefficient L/q, A¢ Z Angle
Cr Thrust Correction Factor
D Drag, diameter Subscripts:
Dx Distortion paramester
xCS Environmental Control System o, Free Stream
F Thrust 2 Compreasor face
h Wing/cowl spacing ADD Additive
hy, Throat height HL,bl Hleed
In Inches BP,BYP Bypass
INBD Inboard ¢ Capture
Xapp Actual Spillage Drag/Theoretical Additive Drag D Drag
Lift DD Drag Divergence
M Mach Number INT Interference
n Mass flow i ideal
P,p Pressure L local conditions, Lift
q Dynumic pressure Max Maximum
Src Specific Fuel Consumption Kin Minjmum
N,n Net Value
V.G. Vortex Generators
w Waight flow P Pitot condition
RS Root Mean Square
x Axial distance T,t Total conditions
y Lateral distance TH Throat
ol Angle-of-Attack, incidence u Unstart condition
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1.0 Inlet Influsnce on Aircraft Performance

The inlet/airplans integration problem, basically, is the requirement for efficient, unifoerm
delivery of air to the aircraft engine at all operating conditions. 1In the case of turbine engine
aircraft operating in the subsonic/supersonic Mach Number range, inlet performance is measured in terms
of its effect on both the thermodynamic performance of the engine end the asrodynamic performaice of
the airframe. Several paramsters are involved in the determination of inlet performance, including
total pressure recovery, flow distortion and turbulence at the engine compressor face, additive drag,
cowl lip suction, boundary layer bleed drag, bypass drag, and boundary layer diverter drag. There
is alzo an effect of variations in inlet mass flow ratio on aircraft 1lift and drag which nust be
taken into account. Most of the inlet related losses stem from the fact that turbojst and turbofan
angines, in order to power aircraft efficiently throughout a large flight envelope, demand a wide
range of mass flow ratios. If the inlet is sized to meet a supersonic high altitude flight engine
demand efficiently, there iz a great deal of excess airflow at transonic Mach Numbers (Figure 1-l).
Soms of the inlet airflow may be required for boundary laysr control (inlet bleed), environmental
control systems, or propulsion system cooling, (Figure 1-2) but all of this excess flow must ex-
perience soms loss in momentum as it is diverted or processed, It is the job of the inlet designer
to reduce these losses and momentum losses of the actual engine airflow to a minimum while maintaining
low weight and system complexity.

1.1 Total Pressure Recovery

The engine face averege total pressure recovery is ot prime interest due to its direct
effect on engine thrust. One method for correcting engine thrust for the effect of total pressure
recovery specifies:

ARy = [ 1.0 - PT2/PT° ] on
iN
where: Fy = nst thrust
Pr,/Pp, = Total Pressure Recovery

Cp = Correction factor

Typical valuss of the correction factor, Cr, for turbojet and turbofan engines fall between 1.l and
1.6 over the Mach Numbor 0.8 to 2.2 range as shown in Figure 1-3.

1,2 Inlet Flow Distortion

As seen by the compressor face airfoils, inlet flow distortion is actually a velocity
distortion, but has typically besn expressed in terms of total pressure variations for the sake of
simplicity. The mdst ~pparent effect of flow distortion on the turbine engine is a downward shift
of the engine surge line (see Figure 1-4). This shift is primarily due to the fact that many of the
compressor olades are operating closer to stall in the distorted flow. If the distortion is sufficient
to alter the blade lift-curve slopes, operating line efficiency will be changed so that the distortion
results in a shift along the engine operation line to a lower operating pressure ratio, If surge
margin loss due to flow distortion is greater than anticipated, the engine may have to be derated in
ordor to allow sufficient margin for engine transients and other effects shown in Figure 1-5, The
primary effect of inlet turbulence, as shown, is to drop the surge line even closer to the operating
line, but it can also be expressed as an expansion of the operating line into a band.

173 Inlet Dx‘ag

Propulsion installation punalties not affecting the actual engine airstream are normally
expressed in terms of drag ~ eithsr as separate increments or as variations to the airframe drag
polar. Additive Drag is the momentum loss of the airstream defined by the capture area, A., as
excess flow is diverted around the inlet (Figure 1-6)., Some of this lost momentum may be recovered
in Lip Suction as the diverted flow accelerates over the cowl, creating a low prec.ure region which
acts in the thrust direction. Boundary Layer Bleed Drag and Bypass Drag are defined as the com-
tination of (1) momentum lost by these flows from the time they are taken into the inlet till they
exit the aircraft and (2) exdt door pressure drags. Diverter Drag (occasionally included in inlet
drag) is simply the momentum lost in airflow that is turned by *he boundary layer diverter measured
by the integration of pressures on its surface,

1.4 Installed Performance

These effects all find their way into the equation defining the total forces acting on an
airplane in straight and level flight.

B
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Piotal ™ PN + OFNimer + OFNexhaust * Daero

where: Py > Installed ¢ngine thrust including effects of inlet recovery and distortion,
internal nozzle performance, engine thrust and power extraction,

APNiet = ALl drag increments between the Dy, y, configuration and s model which
i reproduces the rangs of inlet mass flow ratios and all other inlet-related
flows /bleed and bypass),

o OPoynauat ™ ALL drag increments bstween the Dasro Configuration and a model which
reproduces the real afterbody/nozzle geometry, flow fields, and critical
operating parameters.

Daero ™ Alrplane exterior friction and pressure drag plus additive drag of the sir
entering the inlet.

R T}

A
g

As mentioned previously, the propulsion system performance effects must be considered togethser with

weight penalties in order to assure the best mission performance. An example of such & trade study

is shown in Figure 1=7 where several inlet types were considered for a mixed mission aircraft., Note ;
that the relative importance of the two missions may have a rather large impact on the final choice ’
of inlet design. Also, advantages in supersonic performance gained through a sophisticated inlet

design may be negated by the associated increase in aircraft weight, The quest for high component

performance cannot be achieved at the expense of total aircraft performance and reliability. Keeping

this admonition in mind, it must be realized that consideration of the topics in this lecture is most

certainly necessary, tut not sufficient to assure optimum mission perforuvance. This discussion will

include only the items involved in inlet performance and the assurance of inlet-engine compatibility.

2.0 Forebody Flow FPields

Continuing development of turbine enginss for transonic/supersonic flight applications has,
among other things, led to tighter control of the surge margin with fewsr unknowns allowed in the
inlet performance and flow distortion levels. In determining inlet performance, therefore, it is
necessary to define (1) how the airframe distorts flow entering the inlet and (2) how the inlet
reacts to upstream flow variations. The importance of the first item can be seen from the compar-

1 ison of performance of a simple fixed geometry two-dimensional inlet design integrated with several
different tactica. fighter forebody shapes (Figure 2-1). The second requirement (definition of inlst
reaction) stems from the fact that different inlet types may react to external flow field distortion
in a variety of ways. One method of defining and controlling flow distortion is shown in Pigure 2-2,
Use of this artificial flow field has been made in a comparison of two-dimensional and axisymmetric
external compression inlet data in both uniform flow and identical distorted flow fields (Pigure 2-3).

This flow field distortion has a greater effect on the axisymmetric inlet and the effect differontial
increases with Mach Number., Inlet sensitivity to upstream flow distortion is extremely important in
the establishment of forebody or forebody/wing flow field uniformi‘y requirements.

A number of programs have been conducted to give some definition of forebody flow f{ields, but
much of the data available is for rather crude designs and has obtained only pitot or total pressure
profiles of the flow. Other investigations have been accomplished for specific aircraft designs,
but have not been published formally or lack sufficient variety to be of use to a designer. The most
recent programs to generate reasonably accurate measuremen.s of important flow field parsmeters,
have been accomplished for highly mansuverable superscnic tactical fighter aircraft. The ensuing
discussion of forebody flow fields, therefore, will be concentrated in this area.

2.1 Side-Mounted Inlet Flow Fields

There are a great many variables involved in the study of side mounted inlet flow fields.
Amoung thess variables are nose shape, fuselage underbody shape, canopy shape, nose droop, fuselage
camber, fuselage aspect ratio and inlet position with respect to the canopy. Two test programs
in particular are of interest for the purpose of studying the influence of these variables., The
first investigation, referred to hereafter as Program "F"', has been performed in small (1/12) acale
using a basic forebody shape consistent with typical fighter designs (Figure 2-4). Provisions have
been made in this model for variations in nose shape, fuselags underbody shapes and canopy shape.
Measurements of the flow field have been accomplished with a rakes of three cons probes remotely con-
trolled to map the flow field at s given fuselage axial position (Figure 2-5). The most thomugh ;
comparisons in this program have been accomplished for the various fuselage shapes. An example of :
varistions in fuselage effect is shown in Figurs 2-6 for a supersonic maneuvering flight condition .
(Mo = 2.2, & o = 20°). The local angle-of-attack (01) contours are quite similar, where &(1 = 22°, ;
but closer to the fusslage lower corner the influsnce of geomstry variations show up in the oX g = 26€ ;
contours. As a general rule it appears that rmore flai-bottomed, square cornered fuselage shapes ;
tend to influence flow further from the fuselage and generate greater flow distortion in the lower

*Program F - "An Investigation of Airframe-Inlet Interaction" conducted by Fairchild Hiller
Corporation for the USAF.
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inboard corner of the inlet. In the case of local sideslip (ﬁ 1) flow, Figure 2-7 indicates little
in the way of a consistent trend, but again suggests that the influsnce of flow shed by the flat-
bottomed fuselages at high angle of attack tends to psnetrate the inviscid flow away from the body

more dseply.

Another program, referred to as "G"*", was performed in larger scale (approximately 1/l
scale) on several forebodies which represented a somewhat different concept in fighter design,
having greater body camber, & more prominent canopy and further aft positioning of the iniets
(Figure 2~8). A comparison of somswhat similar fuselage shapes between the two programs (F and G)
in Figure 2-9 indicates very great differences in the two flow fields. The differences were so
great, in fact, that one of the modeis from program "F" was modified to represent model A-1 from
program "G" and re-teated, The result of this follow-on test was gratifying to the extent that the
flow field of the modified model was much more iike the A-1 model from program "G" (Figure 2-10).
On the other hand, these results point out another problem in that there are a great many variables
in vehicle forebody design which have a major effect on the composition of inlet flow fields. ™n
program "F" it has been found that the effect of nose shape on inlet flow fields is conditioned by
the aircraft canopy shape, The canopy itself has a significant effect on inlet flow fields, but
the nature of this effect is dependent upon the relative axial location of the inlet on the fuselags.

A more accurate and detailed c:uparison of some of the fuselage shape effects can be determined
from program 'G" on models A-1, A-1-1 (a modification of A-1), and A-2, representing increasing fuse-
lage lower shoulder radii. As an example, Figure 2-11 shows local angle-of-attack (€{j) and angle-of-
sideslip (8 1) contours for model A-1-1 at Mo = 2.2 and & o = 20°. Valuss of XX, in the lower part
of the field are less than o due to flow deflection by the forebody nose. As the flow moves upward
around the Iuselage and the influence of flow expansion over the top of the fuselage is felt, oly
values increase rapidly. Sideslip effects are most prominent in the lower intoard region of the
flow field due to the shedding of flow from the high pressure region under the fuselage. The influ-
ence of the fuselage shape is shown in Figures 2-12 and 2-13 where selected local flow angularity
contours are compared for the three different fuselage shapes. Little effect of the shape cnanges
on o1, is seen in the lower part of the flow field (Figure 2-12), but in the middle inhtoard region
the sharper-cornered model A-1-1 generates significantly higher flow angularity. Shifting attention
to the effect of fuselage shaps on local sideslip (Figure 2-13), an altogether different sensitivity
pattern is observed. In this case, @1 ™ 0% contours in the upper part of the flow field are least
affected wheredas major variations are seen in the & j = 6° contours in the lower part. Here it is
noted that the sharp~cornered fuselage at high angle of attack sheds flow laterally, influencing
sideslip angularity at rather large distances from the fuselage in the lower portion of the flow
field. The more rounded A~l fuselage does not influence the flow at such large distances, but
creates large,S I higher in the flov field. A significant improvemeat, however, is cbssrved with
the A-1 forebody shape. In this case, underbody flow is shed more nearly in an upward direction,
creating much less sideslip at the lower inboard corner of the inlet. Additional insight into the
flow field effects is provided by Figure 2~14, a comparison of boundary layer development for the
three fuselage shapes at this flight condition. The more rounded fuselage shape results in higher
energy airflow adjacent to the fusslage, Mach 2.2 flight at ofo = 20° has been used for the purpose
of convenient data comparison and neer-maximum flow field effects, but the same general observations
can be made for Mach 1.6 flight at €.. = 20° (Figures 2-15, 2-16) or Oo = 15° (Figures 2-17, 2-18).

At this point it is worth while to explore the utility of theoretical analysis in the
determination of these flow fields. There are, of course, many aifferent types of anglymsic which
could be applied ~ from very simple hand calculations to highly complex compuier programs requiring
large amounts of computer running time to obtain a single solution. A relatively simple analysis has
been chosen for program "G" which uses the method of characteristics and linear theory to define flow
field angularity. Subsonic (Mo = 0.90) and supersonic (Mo = 1,50, 2,50) solutions are compared with
applicable data in Figures 2-19, 2-20, 2-2). At the subsonic Mach Number (Figure 2-19), asmall
perturbations to linear theory works reasonabiy well in both ®y, and ¥y predicticn up to an sircraft
angle-of-attack { ®o) of 10°, Application of the small perturbations to a method of characteristics
solution at Mo = 1.50, however, does not approxinate experimental o{] data well at the same o
(Figure 2-20) and gives only fair approximation of the 8 contours. For Mach 2.50, neither oly, nor
¥91 values are estimated well by this technique (Figure 2-21). Other methods of analysis such as
a three~dimensional method-of-characteristics solution are being explored to gensrate more accurate
supersonic flow field predictions which are still reasonably simple and economical to apply.

2,2 Shielded Inlet Flow Fields

Inlsi shiela. , may be used to reduce local angles-of-attack at the inlet face during
maneuvering flight, but this technique of airframe-inlet integration must still be accomplished very
carefully in order to assure inlet-engine compatibility. As an exampie, Figure 2-22 shows the inlet
flow fields for two different fuselage shapes from program 'F", both "shielded” by a top-mounted
wing. During maneuvering flight, low energy flow moves upward from the high pressure fuselage
underbody region, but when it intercepts the adverse pressure gradient imposed oy the wing, this

*program G - "Project Tailor-Mate, An Investigation of Supersonic Inlet Design and Airframe-Inlet
Integration" conducted by General Dynamics/Convair for the USAF.
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flow separates and has a tendency to travel outward with the wing outwash - directly into the path
of the inlet, It can be obsocrved from the data in Figure 2-22 that the more nearly square fuselage
cross section results in the most uniform inlet flow field (unlike the case of side-mounted inlets).
Apparently, the sharper cornered fuselage, tends to delay the ahedding of underbody low energy flow
and "channels! the wing-body flow somewhat, reducing the formation of large vortex flow in the inlet
region,

The integration problem can be relieved substantially by means of a low-wing instalilation such
as the configurations (models B-3 and B-4) shown in Figure 2-23 from program "G". The basic compati-
bility advantages of this type of configurat’on over side-mounted inlet installations is shown in
Figure 2-2, where reduced flow field angularity and reduced Mach Number ahead of the inlet can both
contribute to improved inlet performance. On the othsr hand, this type of shielded inlet demands
careful design of a very short subsc ¢ diffuser and may also result in increased vehicle st.ucZural
weight,

Investigation of the wing-shielded inlet position indicates that the ideal design for inlet-
engine compatibility would be a completely flat underbody surface. An example of tnis indication
takern from boundary layer rake data on model B-4 is shown in Figure 2-25. The originel B-4 model
with the rounded lower fuselage profile tends to promote boundary layer separation in the fuselage/
wing outwash flow. Refairing of the lower surface to the flatter B-4~1 model profile proved to be a
highly satisfactory solution to the separation problem,

Inlet flow fields may also be affected by missile installation, Figure 2-26 illustrates
the effect of a semi-submerged missile installation on the B-4 model at Mo = l.4. In addition to
the oy, (97 gradients shown, there is a reduction in flow field total pressure associated with
the missile installation.

As with the side-mounted models, experiment is compared with theory in Figures 2-27, 2-28,
and 2-29. The same basic type of analysis has been employed in all cases. At Mo = 0.9 and 1,50,
¥ 1 is predicted reasonably well whereas ™y is somewhat inaccurate. The flow field inaccuracies
at Mo = 2,50 are considered to be of somewhat more concern due to their magnitude and the increased
inlet sensitivity to flow variations at the highes Mach Numbers. The analysis also predicted that
the average inlet flow field total pressure recovery at Mo = 2,50 would be approximately 4% lower
than the measured value of Pry = 0.99.

PTo

2.3 Forebody/Wing Design Philosophy

In spite of the many variables associated with forebody/wing design which affect iniet flow
fielas, some basic design principals can be derived from the information which has been generatad.
There has been a sufficient amount of data generated to establish approximate flow field conditions
for a wide range of basic configurations, Relatively stmple flow field analysis techniques may be
used with confidence up to Mach Nurbers of approximately 1.5 and aircraft angles~of-attack up to 10°,
Izproved analysis techniques are required for higher supersonic Mach Numbers, There are major inte-
gration problems to be solved for any type of airframe/inlet installation, but several varisbles can
be manipulated for sny configuration sype to improve the inlet flow field.

Side~munted inlets for supersonic maneuvering aircraft must incorporate effective fuselage
boundary layer diverters and be capable of acceptable operation in the free stream at angles-of-attack
at least as high as the aircraft experiences and with &1 gradients of 50% to 75% of Xoysy. They
must al:o be able to tolerate relatively high @3, conditions associated with maneuvering flight. Inlets
designed for shielded positions may be much less tolerant to angles-of-attack, but, depending on the
type of installation, may have to provide for considerable boundary lajer diversion (top-mounted wing)
or accept moderate lavels of local sideslip (bottom-mounted wing), The sensitivity and performance
of inlets integrated with alr:raft designs will be considered in subsequent sections.

3.0 Inlet Performance and Flow Distortion

The gensral subject of inlet integration with airframes embraces a huge matrix of design
possibilities. There have been many inlet and airframe/inlet designs developed and tested over the
past several years with only a few ever having actually found their way into prototype or production
flight hardware. The designs for which performance data exis: include axisymmetric, two-dimsnsional,
and three~dimsnsional designs employing both external and mixed compreasion, They include podded
and fuselage-integrated installations; side-mounted, wing-shielded, fuselage-shielded, top-mounted
and nose installations, They incorporate wide variations in cowl shape, ramp geometry, boundary
layer blsed, thmat design, diffussr shape (and length), bypass design, side plate shaps and fuselage
boundary layer diverter design., It would not, of course, be practical to attampt a comprehensive
review of all the technical problems and the results of the investigations associated with all of
these design variations, As an alternative, selected programs and their results will be used which
highlight some of the more difficult problems associated with inlet performunce and flow distortion.
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: 3.1 Subsonic/Transonic Inlets

1 ; Speaking strictly in terms of total pressure recovery and compressor face flow distorticn,

the problems associated with subsonic/transonic design aircraft are not felt to warrent much atten-
tion in this discussion. Generally speaking, the inlets for these applications are sized for cruise

: altitude and Mach Number and require no variable geometry, bypass, boundary layer bleed or control

b complexities in order to provide satisfactory oparation., They are usually characterized by generously
[2 rounded cowl lips and are either podded or fuselage integrated in such a way that no appreciable

E amount of low energy air or vortex flows are likely to be ingested, Some designs have incorporated
;

blow-in doors for low-speed, low-altitude flight, but when safety of flight is a prime consideration,
the irlet vowl is usually sized sufficiently large to svoid the added complexity of variable geometry,
6.8., fixnd geometry cowl retrofit on the Boeing 747. If inlets for this class of aircraft were to
bs placed in the wing or fuselage shadow, careful tssts would have to be conducted to assure non-
ingestion of vortices or other separated flows during any realistic flight condition. The problems
associated with such irdet tusting are covered in a separate discussion on experimental investigation
techniques.

P 3.2 Supersonic Inlets - External Compression

External compression inlet performance, in general, is less sensitive to external flow field
variations than mixed compression inlet performance. Consequently, supersonic aircraft required to
perform acceptably over wide ranges of altitude, maneuver condition and Mach Number typically employ
external compressio: designs in which terminal shock movement can act as a flow control device without
endangering stabilit, of the basic inlet flow field., The examination of performance aspects of inlet/
airplane interference and integration, then, can best be illustrated using this type of an inlet.

3.2,1 §Side-Mounted Inlets

As observed previously (Figure 2-3), the performance of both axisymmetric and two~dimensional
inlets is affected to varying degrees by the type and level of external flow field distortion. An
A idea of the relative suitability of tnese two design types for side-mounted installations can be
3 observed (for the same two inlets) in a comparison of the isolated supersonic angle-of-attack perfor—
9 mance of both in Figure 3-1. The tundamental structure of the two-dimensional inlet flow field
remains stable to higher angles-of-attack, resulting in less turbulence and total pressure distortion
at the compressor face, This same type of comparison can be made using two installed inlets from
the previously mentioned program "G". Performance variations with Mach Number (Figure 3-2) and angle-
of-attack (Figure 3-3) again point out the inlet-engine compatibility advantages of the two-dimen-
sional design (A-1l) over the axisymmetric design (A-2).

Some of the differances in performance can be traced back to the slightly different forebody
flow fields noted in section 2. This forebody effect was checked by testing the two-dimensional
A-l inlet on both the A-1 and A-2 forebodies. Figure 3-4 gives comparisons of ths basic inlet per-
Yformance and Figure 3-5 gives an overall compatibility assessment of each installation. The cross-
hatched envelopes in Figure 3-5 encompass all time-averaged distor:iion index data point values
versus the corresponding levels of inlet turbulence of the inlets as indicated. These envelopes
are, in turn, compared to the region of assured stability defined in the figure for a typical .xgh
performance turbofan engine, It is obvious that the more rounded A~2 fuselage underbody shape would
be preferable for the side-mounted inlet installation.

0

The influence of forebody shape is not sufficient, however, to account for the differences in
the inlet-engine compatibility of the two-dimensional and axisymmetric inlets as indicated in Figure
3-6. These &g, Qo compatibility envelopes were prepared by checking the distortion and turbulence
levels of each o{c, o test point with the screening curve of Figure 3~5. In order to study the
performance differences of the two inlet types in greater detail, total pressure surveys measured by
raiws poaitioned in the inlet ducts are presented in Figures 3-7 and 3-8, Maclk 2,2 data from the A-l
inlet shows that energy levels in the flow fall off slightly with increasing angle-of-attack, o{g,
but the basic flow field maintains its structure. In inlet A~2, however, pressures drop off rapidly
with O(, in the upper part of the inlet where tlow separation is experienced. This flow separation
is fairly well localized at o, = 5° At X, = 159 though, the separation spreads rapidly and
affects the entire flow at the compressor face. The performance problem for side-mounted axisymmetric
inlets in supersonic msneuvering flight is seen as a very fundamental flow interaction. It might
be possible tc reduce this problen somewhat by employing variable spike geometry biased with airplane
angle~of-attack in which high ©{q operation calls for the s.cond cone angle to be increased on the
lee (upper) side of the spiks and possibly reduced slightly on the lowsr side.

3.2.2 Wing-Shieided Inlets
Expanding the comparison of inlet types for given installations, Figure 3-9 adds to a previous
illustration, showing now the performance of axi-symmetric and two dimensionsl inlets in wing-shielded

flow fields (B-3 arnd B-4 respectively) as well as side-mounted flow fields. Judging from this figure
alone, both wing-shielded iniets would appear to have substantial advantages in performance and
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compatibility over the side-mounted inlets for highly maneuverable supersonic aircraft. This view,
however, is modified considerably when the effects of sideslip are examined in Figure 3-10 and taken
into account, The performance of the wing-shielded 2-D inlet (B-4) drops off sharply with any lee-
ward (negative) angle-of-sideslip. Reference to diagnostic instrumentation in the duct {Figure 3-8
is used as an example), reveals the reason for the o sensitivity, From these pressure measurements
in the duct, it is observed that the adverse sideslip flow creates a massive flow separation at the
inboard sideplate leading edge which spreads as the flow progresses through the duct, resulting in
low average total pressure recovery and high distortion at the compressor face station, On the
other hand, negative sideslip flow impinging on the inboard side of the wing-shielded half axd sym-
metric inlet cowl is deflected by the spike so that the flow is effectively turned and remains
attached. Using the distortion versus turbulence limit curve presented earlier, flight maneuver
inlet-engine compatibility envelopes have been prepared for ezch of the inlets discussed (Figure
3-12). From these envelopes and the preceding discussion it would appear that the two-dimensional
inlst for side-mounted installations have fundamental advantages to offer the designer of supersonic
fighter aircraft.

3.2.3 Influence of Component Design Variations

Although the foregoing consideraticns suggest what is possibly the easiest line of approach,
there we a number of techniques that can be employed to improve the performance of any given inlet
design, Several of these will be identified and discussed briefly in succeeding paragraphs.

One important technique for improving the inlet performance of maneuvering aircraft is proper
scheduling of flow bypass. In the case of the side-mounted two-dimensional inlet, increases in o,
force the inlet to spill large amounts of excess flcw., The basic mechanism for this increased
spillage is forward movement of the normal shock, but this may allow a slipstream from the oblique/
normal shock interaction to enter the inlet or precipitate other interaction phenomena unfavorable to
efficient inlet operation. Getting rid of some of this excess air by means of throat slot bypass is
seen from Figure 3-13 to offer definite advantages in terms of fundamental inlet performance. The
bypass schedule used for this research inlet (Program "G") started at very low values at oo = O°
for all Mach numbers, but at X, = 20°, it ranged from Of of engine mass flow at Mo = 0.9 to 35§ at
Mo = 1.6 to nearly 70% at Mo = 2,50, A rigorous trade study should take bypass drag into account,
but it must be remembered that the condition spoken of here is transient and the bypass is being
employed primarily for the sake of inlet-engine compatibility.

Boundary lsyer bleed may also be employed in the inlet to control shock-wave boundary layer
interaction and prevent massive flow separation. Isolated results for such a study < . the program
"G" side-mounted axisymmetric inlet are shown in Figure 3-14 for perforated bleed ahead of a throat
bypass slot. Peak performance was obtained at approximately 2.5% bleed flow over the Mach Number
range studied (Mo = 2,0~2,5), The amount of bleed required to obtain such a peak may vary widely
depending on bleed location, boundary layer conditions, and terminal shock strength.

Inlet-engine compatibility can be affected quite significantly by subsonic diffuser design.
The portion of the inlet downstream of the throat may act as either a flow distortion reducer or
amplifier. Assuming that the design is accomplished with reasonable care, the critical compatibility
design parameter is usually duct length., Flow separation and turbulence at the inlet throat cvan be
corrected by low diffusion rates and flow mixing downstream of the inlet throat. Using the A-1 inlet
from program "G" as an example again, Figure 3-15 illustrates the dramatic improvement in inlet-engine
compatibility criteriz achieved by a straight-pipe diffuser extension of approximately 40%. Othar
investigations have shown similar if not as dramatic results. Using duct length to achieve compati-
bility is expensive in terms of system weight though, and should be employed cnly when high levels of
inlet throat flow distortion can not be avoided.

In the case of shielded inlets where the subsonic diffuser must be quite short, rapid
diffusion in the subsonic duct is unavoidable. In such e case vortex generators may be used to
energize the boundary layer aft of the terminal shock in an attempt to maintain attached flow in
the region of high adverse pressure gradient., An exsmple of the effectivensss of their use is
illustrated in Figure 3-16 showing only the effect of adding vortex generators on the wing-shielded
half-axisymmetric inlet spike (model B-3) to those already in place on the cowl. The only observ-
able effect in this case is a reduction in inlet turbulence during maneuvering flight, but other
applications could conceivably show more sigaificant results.

Cowl lip shape haz bsen used as a variable in a number of inlet designs in order to improve
external compiession inlet performance in the transonic and low supersonic Mach Number range. An
alternate, blunted cowl lip has been cmployed on the program "G wing-shielded two-dimensional inlet
test (model B-4) in an attempt to make its performance more acceptable in maneuvering flight. As
can be seen in Figure 3-17, improvementa are measured, but the inhboard flow separation still increases
rapidly with negative sideslip. The use of increased cowl 1lip bluntness to achieve improved inlet-
engine compatibility has also found its way into operational aircraft, the F-~111 being a notable
exsgmple,

Another inlet desigrn variable which has been used successfully in some csses to improve inlet-
engine compatibility is sideplate design of two-dimensional inlets. Variations of this parameter
were tested on both the side-mounted and wing-shielded inlets of program "G" without notsble impact
on sny of the performance parameters, It should be noted that sideplate geometry is a rather diffi-
cult design feature to optimize during wind tunnel tests due to its dependence on fuselage boundary
layer develupment and flow interaction phenomena which are to some degree affected by the test Reynold's
Number.,
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The discussion of the influence of component design has not bsen intended to be completely
comprehensive either in terms of the number of useful design parameters or their effect on inlet
performence. It is considered, howsver, to give some valid trends and useful design criteria for
the effective integration of airframe and propulsion systems on supersonic fighter aircraft.

3.3 Supersonic Inlets ~ Mixed Corpression

When aircraft missions require extended flight at Mach Numbers in the 2.0 to 3.0 + range,
external compression inlet applications become much less desirable in spite of their inherent stabil-
ity and simplicity. At Mo = 3.0, for instance, a typical two-dimensiona). external compression inlet
might have a final compression ramp angle of about 40° with a cowl lip angle of approximately 25° to
3%, The cowl drag which results from this high lip angle can more than offset the pressure recovery
potentisl of the design. On the other hand, a mixed compression inlet can, by means of a series of
reflected shocks, accomplish the same efficient flow daiffusion while maintaining low cowl drag (see
Figure 3-18), A few of the Inlet-Airplane Interference and Integration prcbloms associated particu-
larly with these mixed compression inlets will be discussed in this section.

Both two-dimensional and axisymmetric designs are used for mixed compression inlets., The
two~dimensional inlet tends to be somewhat heavy (as with the external compression designs), but is
less gsensitive to angle-of-attack than an axdsymmetriz inlet and scmetimes easier .o integrate with
an airframe design. Axisymmetric inlet advantsges lie ir light weight and relative shortness for a
given application, but even with translating and collapsing centerbodies it is extremely difficult
for this inlet type to provide the broad range of mass flows demanded by high pressure ratio turbufan
engines.

Some of the different mixed compression inlet design types are illustrated in Figure 3-19.
The configuration possibilities vary widely, but all share a few fundamental problems when integrated
with aireraft des?*gns. In the case of wing-mounted inlets (YF-12, SR-71) the integration problem
may be limited to effects of airplane angle-of-attack. For side-mounted inlets (Foxbat), the addi-
tional variable ot fuselage boundary layer development must be considered. Most applications, however,
ara wing-shielded (B-70, TU-li4, Boeing/NASA SST designs, and B~l design) and must be properly inte-
grated with the wang flow field to overcome potential problems of inlet~inlet interference, wing
boundary layer-inlet shock interaction, flow field distortions, and/or transient flow disturbances.

In order to produce high thermodynamic performance, a mixed compression inlet must approximate
critical operation (terminal shock just aft of the throat) requiring precise, rapid response control
of throat flow ccnditions, The research and development effort to this end has investimated several
aspects of airframe-inlet design. An example of an inlet (axisymmetric Mach 2.5 design) used in this
manner is shown in Figure 3-20,

NASA investigations have explored the sensitivity of this axisymmstric inlet to angle of
attack variations and upstream flow distortion. As angle of attack is increased, an over compression
develops on the inlet leeward side and a localized region of subsonic flow develops just prior te
inlet unstart. Substantial improvements have been achieved simply by redistribution of spike and
cowl bleed further upstream in the inlet (Figure 3-21). Small upstrean flow distortions (on the
order of AMy, = 0.10) do not affect performance or flow distortion significantly. Study of the use
of vortex generstors in this inlet type indicate that their use ghead of an unbled shock-boundary
layer interaction could provide flow improvements, but not as much as a good bleed sy.tem,

Another investigation of this inlet has coupled it with a turbojet engine mounted under &
simuilated wing to study interaction phenomena, Unstarts from engine stalls create transient distur-
bances up to 2.4 t¢ 2.5 inlet face diameters ahead of the inlet with the lateral extent of this
disturbence requiring adjacent inlet spacing of mors than 4 diameters to avoid mutual interference.
Wing over-pressures in the vicinity of the cowl lip nave reached transient values of 1C times the
wing fiow field static pressurc. The extent of interaction can be reduced eithzr by increasing
diverter height or decreasiag boundary layer height (Figure 3-22), When the inlet is started
(terminal shock swa)lowed) performance is not affected by proximity of the inlet to the wing unless
cowl lp actually intercepts the wing boundary layer.

Other NASA programs have been conducted to explore two-dimensional inlet design. Figure 3-23
shows a typical design of a Mach 3,0 design inlet which employs variable compression ramps, a trans-
lating cowl, ramp and sideplate bleed, and throat vortex generator variations. Contrary to the
axisymmetric inlet tests, it has been found in testing this inlet over 1.55< MoK 3.2 that the
vortex generators are effective in reducing distortion. Optimum boundary layer interaction control
and iniet performance is achieved by means of a combination of distributed bleed, vortex generators,
and diffuser shape (Figure 3-24). The performsance of this inlet is more sensitive to angle-of-
attack than ‘gle-of-sideslip, but flow distortion is not affected by small values of either parsmeter
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4.0 Inlet Drag

As shown esarlier, (Figure 1~7) inlet drag is critical in the determination of aircraft perfor—
mance, However, its relative importance will be dependent on the mission requirements. Certainly
echieving minimum drag in a long range, single point design aircrart (SST, 747, etc) is wuch more
important than in a short range highly maneuverable fighter. In the latter system, engine stability
and compatibility may be critical allowing some penalties in inlet drag to achieve this end. Designs
which achieve minimum inlet drag do not nscessarily achieve minimum aircraft drag or maximum installed
engine thrust. Similarly, some designs that tend to reduce drag may impose cost, weight, complexity,
reliability, or maintainability problems which, when consiaered over the operational lifetime of the
aircraft system, may negate the benefit of a slight drag reduction, Also, advances in inlet and
engine technology, such as variable capture inlets and the variable area turbine, will offer the
potentisl for still further trade considerations, Commercial and military applications may also
dictate still other arag and/or performance considerations,

4.1 Inlet Drag Bookkeeping

Although the problems associated with measurement of inlet drag and the assessment of thrust-
drag bookkeeping is the subjJect of subsequent lectures it is useful at this time to include a few
statements on these subjects to set the stage for the following discussion of inlet drag.

It has become the practice of many contractor and government agencies, to assess as inlet drag,
all drag associated with the captured sireumtube and its variations with engine demand and/or air-
craft operating conditions. Several bookkeeping procedures are currently being used to account for
these inlet drag terms, the engine thrust, and the aircraft drag to arrii> a* the installed aircraft
performance. While the variety of procedures can cause some difficulties —a the evaluation or com-
parison of contractor‘s performance estimates, the division of thrust and drag rorces is immaterial
in the final performance calculation {provided that all forces are accounted for once and only once).

Analytically, this buildup is somewhat easier to accomplish satisfactorily. Most problems
arise when experimental determination and validation of performance is sought. Typically, two models
are erployed, one serodynamic model being used to obtain the aircraft aerodynamic and stability charac-
teristics and one propulsion model used to obtain the inlet performsnce and drag characteristics.
Additional models are employed to obtain the exhaust nozzle drag characteristics. Generally the aero-
dynamic model iz run with a flow~through inlet at some reference mass flow, and the irlet drag at this
condition is included in the aircraft drag polar. The inlet drag variations with inlet mass flow
ratio ars then ¢btained from a propulsion drag model and applied as incremental drags to obtain per—
formance at poin%s other than the reference mass flow onditions,

In expsrimental measurements, various reference mass flow conditions have been used, but
it would appesc that a mass flow near critical or choked conditions should be employed such that it
can be tested on bosh the aerodynamic and propuision models. A reference mass flow ratio of 1.0
generally requires an additionsl model variation and data extrapolation that zives rise to possible
erro1 3,

Further problems arise when experimental verification of inlet dr rediction

Seldom iz a model built in such a way that the individual inlet componertsgx-igs can besi:::tis.:;fgt;s
readi)y as can be done analytjcally, For instance, inclusion of a sidewall bleed system may require
the external geomstry to be modified to provide a bleed passage, Thus, the diag measurement may be
in error because the proper flow conditions have not been duplicated. If the proper cowl contours

are used, however, it may not be possible o include the inlet bleed, and sgain the measured drag will
not be correct. Conversely, in the analytical build~up, not only are the proper internal and extsrnal
geometries duplicated at all times, but also the intarnsl and external flow fields, Analytical tech-
niques alos lend themselves to easy identification and isclation of the various drag c‘o‘mponents, l

4.2 1Inlet Drag - Definition

Earlier, Sections 1,3 and 1.4 alluded to some of the k
" . principle inlet drag compone-5s considered
during inlet design end installed propulsion system performance determination. Enploying the thrust-
drag accounting system mentioned previously (in which the inlet drag at, the reference mass flow condi-

tion is included in the aircraft polar) the inlet dr be 4
due to mass flow variations, Thus: "8 DL, may Frpreasad a2 the dncromental change

D1 = Abypp & ADggypt Dy, + Dgyp + Adpy

where ADyyp = i.mcremental change in additive drag (pre-entry drag)
ADogw, = incremental changs in cowl pressvre drag (1ip suction)
Dg;, = bleed system drag
DEYP = bypass system drag
L DNt =~ interference drag = incremental change in sircraft drag due to inlet operation and

change in inlet drag tc aircrafs installation affects
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Using this scheme, inlet diverter drag as well as inlet friction anu pressure drags at the reference
flow conditions are charged against the aircraft polar. Also chargeable to the basic aircraft drag
would be the drag associated with any inlet flows required for ECS, engine bay cooling or purge air,
leakage, or other similar required flows which are invarient with engine throttle demand.

L.3 Externai Compression Inlets

4e3.1 Spillage Drag

Generally, the additive drag and lip suction components are combined into a common spillage
drag term. The importance of Dpp has been discussed many times., In an aircraft requiring transonic
flight at sea level, the theoretical additive drag could cause a 40f degradation in aircraft range.

For en aircraft designed for a Mp = 3 cruise, the additive drag could amount to 20% of the airplane
drag at a subsonic cruise condition. Fortunately in practice this entire penalty is seldom experienced.
Proper contouring of the external cowl shape can rejult in apprecjable lip suction effects due to
increased velocities and decreasing pressures on the forward portions of the cowl lip. The magnitude
of the lip suction effects may result in the cancellation at subsonic and transonic speeds of up to

80% of this drag for subsonic inlets and up to 50% for supersonic inlets, This is indicated in
Figure 4-1 using the Kppp factor, which is the ratio of actual spillage drag to thecretical additive

drag. Of course in the selection of any inlet the absolute drag level must be determined for use in
performance estimates,

Many test results have shown that appreciable flow spillage can be acccmodated with little
drag penalty when the inlet throat Mach Number is kept high. This can be accomplished by means of
increasing the compression surface angles to reduce throat area. Presented in Figure 4-2 1s some
typical data obtained from a two dimensionel variable ramp inlet, As can be seen, increasing the
ramp angle can result in an appreciable reduction in inlet drag at a constant engine demand. However,
the reduction in throat area results in increases in both steady state and time varient dilfuser
exit flow distortion as well as a decrease in total pressure recovery due to the higher throat Mach
numbers. Assuming that the distortion generated is within engine tolerances, inlet operation at the
highest ramp angle and lowest drag would be desired. However, for the data presented here, operaticn
at the high ramp angle incurs a 3% loss in recovery and a 50% reduction in inlet drag. Eumploying
the sensitivity factors shown in the Figure for a typical flight condition, it is readily apparent
that the loss in recovery :ecults in a much larger increase in SFC than the benefits reduced drag
level can offset, At a typical high altitude cruise condition operation at a second ramp angle of
$2 = 15° would result in a A% loss in SFC, while at sea level this would be decreased to approximately
1§ SFC loss. Operation at some intermediate condition however, such as J'2 = 50 would be of benefit
because there is a substantial drag reduction with essentially no loss in recovery.

4.3.2 Bypass Drag

When one considers the drag of ths bypass system, a drag tradeoff occurs between the spillage
and bypass drag such that the minimum inlet drag may occur at an airflow condition less than that for
minimum spillage drag. A typical trade study is shown in Figure 4~3 where the increments of spillage
and bypass drags are shown aglong with the airflow associated with minimum drag for constant engine
demand. Again, this is an ideal situation and does not conaider the interference of the bypass air
on aircraft drag and stability characteristics. In operational use, the bypass air must bs dumped and
this usually occurs in an unfavorable location such as above the wing. Data shown in Figure 4-4
indicatc some of the impact of the bypass system operation on the yawing and rolling characteriatics
of the B-70.

Depending upon the amount of excess inlet air, it may be possible to either bypass the air
around the engine and use it in the exhaust nozzle or base region to improve nozzle performance or
it may be dumped overboard through various doors, slots or nozzles, Figure 4-~5 shows typical drag
increments experienced during an acceleration depending upon the air being dumped overboard or used
to augment the exhaust nozzle flow, Fcr this case the benefits of the ejector nozzle are quite
evident. Figure i~5 shows some typical drag characteristica for various means of discharging the
bypass flow. It is clear that propsr design of tho Lypass exits can significantly reduce this drag
ysnalty. Of course, propar accounting of added weight psnslties and aircraft drag increments dus to
the bypass system must be included in the total aystem analysise.

4.3.3  BiIfsct of Inlet Shape

The inlet geometry essantially governs the inlet drag characteristics and, as shown in
Figure 4~1, thoe .owl lip can significantly influence the inlet drag chaiacteristica. Figure 4~7
indicates the level of aircraft drsg sensitivity to slight modificetiona of ¢he sxternal cowl lip
geometry, However, the external cowl lip geomeiry (as well as the internal cowl 1lip geometry)
that results in the minimum drag 13 dependsnt on the local flow angularity approaching the lip.
This fJow angularity is, of courss, highly Jependent upon both the compression surface geometry and
flight condition. Figure 4-8 presenis some of the drag characteristics of a two dimensional variabls
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ramp inlet and it is evident thet the ramp geometry effects are significant. Increasing the ramp
angle, however, may require an increase in the turning angle required by the cowl lip Lo satisfy
aircraft design requirements, Illustrated in Figure 4-9 aro iypical inlet drag characteristics for
varying internal lip angularity. Thus, the drag reduction possible with increased ramp angle can
be offeet by the increased cowl drag resulting from flow turning requirements.

Several investigations have shuwn that axisymmetric conical inlets have less drag than two-
dimensional ramp inlets with equal throat/capture area ratios and equivalent ramp or cone angles.
Typlcal data are shown in Figure 4~10, This characteristic can be explained by the relief provided
by the three dimensional spillage of the cone resulting in lower flow spillage angles, i. e. the
flow deflection is less than the two dimensional configurations, resulting in lower drag.

Inlet sideplate geomstry also can have a significant effect on the inlet drag characteristics.
Studies of various sideplate configurationa have been conducted and certain characteristics have been
obtained. Kapp factors for various sideplute configurations in Figure 4-11 showed very significant
benefits of cut back sideplates in the transonic regime. The mechanism for drag reduction here is a
combination of sidsplate suction effects and the three dimensionality of the side spillage which
reduces the spillage flow angularity and, hence, drag.

Le3.4 Effects of Inlet Installation

The effect of inlet spillage and bypass on total aircraft drsg and even on exhaust nozzle
performance should not be overlooked because ihey can impose an appreciable drag increment. These
effocts generally are not accounted for since sophisticated models and analyses are required to
aci ‘mately assess their contribution and impact on aircraft performance.

As mentioned earlier, the effects of the aircraft forebody on inlet drag should be considared.
Inlet drag characteristics have been investigated experimentally for isolated inlets, forebody in-
tegrated inlets, and for inlets in simulated forebody flow fields, It can be seen in Figure /~12,
that while the absolute level of drag varies with the degree of forebody flow simulation, the slope
of the drag curves remains constant. Thorefore it appsars possible that an evaluation of inlet drag
characteristics may be made with isolated models.

Typical data presented in Figure 4=13 shows that there is a slight effect on the forebody 1ift
and drag characteristics which varies with inlet mass flow ratio., This effect, however, would be
highly configuration oriented and depend on inlet type and location,

The importance of iniut bleed in improving the recovery characteristics of cupersonic inlat3
was discussed earlier. The bleed flow also imparts a drag penelty which must be accounted for 1o
determine the optimum thrust minus drag. Bleed flow may be removed by either porous suriaces , flush
£lots, or ram scoops. Not only do these blesd systems affect the inlet recovery, :1d results in a
drag increment, but they can affect the range of stable subcritical operation of the inlet, The
increase in recovery achieved through the use of bleed msy more than offset the drag penalty associated
with the bleed flow. Data shown in Figure 4~ shows some test results from an F-10/ type inlet con-
figuration. For this configuration the flush slot bleed resulted in the best overall performance
over the supersonic range. As with bypass, the bleed air could also be ducted to the nozzle to in-
creass thrust or dumped in a base region to reduce base drag if the base pressures are low anough.

In Section 3, the effects of the local flow field on inlet performance and distortion was
discussed and showed some significant areas of impact. The local flow field similarly can influence
the inlet drag characteristics., This is illustrated in Figure j-15 where the drag characteristics
of a two dimensional inlet in a horizontal and vertical orientation are presented. At nominal
cruise angles of attack, there are slight differences in drag due to the local flow differences.

The effects of inlet design and orientation are turther illustrated in Pigure 4-16 for the
four airplane designs of program 'G", Using these inlet drag characteristics in vehicle performance
estimates, the A-2 aircraft configuraiion showed the greatest range capability; 37% greater than
B4, 2% graater than B-3 and 15% greater than A-l. However, overall consideration of range and
mansuverability (Pigurs 3-9) for the various missions considered led to the selection of A-1 as the
"bast compromise! airplane design.

Lok Subsonic Inlsts

For those aircraft installations fsaturing subsonic pod type nacelles, the problems of inlet
drag are not any less serious. As cruise speeds have approached close= to sonic conditions, the
problems of inlet, drag wnd inlet-airplane inte~ference drags have gained in significance. However,
dus to the emphasis on crulss conditions, the entire nacells/cowl can be made optimum for a given
flight condition and engine airflow requirement. The subsonic nacelle experiences mainly sidn
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friction drag and small amounts of inlet spillage and boattail drag. There are also drag contribu-
tions due to interference of ths nacelle, wing, and/or fuselsge, Nacalle designs featuring a long
duct shrouding both fan and core flow and exiting through a common nozzle will give results that are
different from a short duct featuring separate nozzle for both fan and core flow. For these systems
trades of drag and weight must be performed to select the proper cowl design.

The isolation of the interference effects due to inlet spillage and nacelle shape are difficult
to isclate due to the effects of the engine exhaust on the nacelle/wing flow field, which becomes more
predorinant as engine bypass ratios are increased, Several earlier studies presented some analytical
results of the effects of nacelle placement on aircraft 1ift and dreg. The predominance of this data
is for the lower transonic speed regime., As the cruise flight conditions approach Mach 1.0, the drag
divergence Mach number (Mpp) of the cowl becoues important as does its sensitivity to inlet mass
fiow ratio, Some recent studies have shown that the cowl can be designed so that the Mpp is insensi-
tive to inlet airflow requirements. This is shown in the data of Figure 4~17 for two typical long
duct cowls, one designed for operation at near My, = 1, the other a typical M, = 0.8 design.

4.5 Mixed Compression Inlets

As with subsonic inlets, the mixed compressicn inlet is usually designed for a given cruise
condition. An optimum bslance of inlet drag and performance can oe achieved for this design point,
Inlet drag, however, can rise drastically when the aircraft is required to operate at some other
flight condition. At the supersonic design point, inlet spillage drag can be kept to a minimum and
inlet bypass drag can also be minimized by proper inlet/engine matching, During transient conditions,
e.g. alrcraft maneuver or engine mismatch, some bypass drag may be encountered, but the short duration
of such adverse conditions usually makes their impact on sircraft range negligible., Inlet bleed drag
on the other hand, may become significant, since mixed compression inlets susally require appreciable
design point bleed flow rates tc maintain high efficiency levels and internal flow stability. Thus,
it becomes very important for this class of inlets to obtain a design with a minimum of inlet bleed
flow requirements and then maximize the bleed exhaust system performance to recover as much of the

bleed flow momentum as possible, Figure 4-18 shows some of the drag characteristisc of various types
of bleed exit systems.

The mixed compression inlet is generally selected for operation at cruise speeds above Mach
2,5; but if the mission requires an extensive transonic flight condition, extensive drag penalties
can occur, The possible extent of this penalty is illustrated in Figure 4-1. Referring back to
Figure 1-7 and comparing configurations 1 and 4, it can be seen that for a typical subsonic mission,
the mixed compression inlet incurs approximately a 30% decrease in range, 21% of which is jJust due to
the increased spillage drag of the inlet with the remainder due to the weight., The increased spill-
age dreg of the mixed compression inlet results from a sharp cowl lip and reduced lip suction éffects.
On the supersonic mission however, the external compression inlet suffers only a net 7¢ decrease in
range. For this case the range loss due to the increased drag and lower recovery of the external
compression inlet is cut in half as a result of the weight savings of the external inlet system. This
again points out that drag should not be considered as an independent variable.

5.0 Conclusions

3 i ¥ t-engine compatibil-
Forebody/*ring design plays an important role in inlet performance and inle
ity. Sice mcunted designs are quite sensitive to forebody camber and fuselsge underbody shape.
Shielded designs are most sensitive to wing placement. A low-wing, flat-botiomed vehicle design
appears to provide the fewest shielded-inlet design complications.

Current theo:. sical analysis techniques for estimating forebody and forebody/wing flow fields
are severely limited for application to supersonic flight maneuvers. Future design development could
benefit considerably by screening potential designs with an economical but relatively accurate analy-
sis procedure,

Supersonic external compression inlet design for highly maneuverable aircraft is heavily
dependent upon vehicle design. Inlet-engine compatibility considerations clearly favor two-dimen-
sicnai inlets for side-mounted installations, but axisymmetric inlets have proved best for the wing-
shielded design., Increased subsonic diffuser length appears to be the simplest technique for
improving compatibility chavacteristics, but careful system development should explore flow bypass
scheduling, boundary layer bleed, duct vortex generators, cowl lip shape, and/or inlet sideplate
design as potential solutions with less weight penalty.

Supersonic mixed compression inlet designs are normally incorporated on higher design point
Mach Number a‘rcraft with 1ittle requiremsnt for high speed maneuverability. High total pressure
recovery requirements demand near-critical operation. Many of the previously mentioned inlet design
variations may be employed to improve performance, but careful design and tuning of the boundary
layer bleed system appears to be one of the most important. Shielded designs must include ¢.nsider-
ation of transient flow conditions which could cause intolerable inlet/iniet interfe -nce or inlet/
wing interference.
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The assessment of inlet drag characteristics is critical to the determination of aircraft

performance, However, the evaluation of the propulsion system drag must not be evaluated indepsndently
of the aircraft drag characteristics or the weight and other influencing factors, The critical factor
that remains is the assessment of totsl aircraft thrust minus drag and care must be taken both ana-
ly+ically and experimentally to assure that all appropriate components are accounted for.
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EXPERIMENTAL DETERMINATION OF INLET CHARACTERISTICS AND INLET AND
AIRFRANE INTERFERENCE

by
E. C. Carter

Aircraft Research Association Ltd.
Manton .ane, Bedford, U.K.

SUMMARY

This le t'.e will cover basically three items; the measurement of the
interference o: .e inlet on the airframe, the measurement of the interference
of the airframe on the inlet and the measurement of the performance of the
inlet/airframe combination as a whole. Por some configurations and some speeds
these divisious may be straightferward, for others it is only possible to consider
the whole combination.

The experimental methods of determining internal and external forces are
veviewed. The use of complcte aerodynamic force models and partial models is
discussed including the use of the full and half model tunnel techniques. Particular
attention is given to drag, both basic and spillagz drag, and the special techniques
and accuracies required. Where necessary distinction is drawn between the use of
different techniquus for different inlet applicatiors, e.g. podded installations above
and below the wing and on the resr fuselage, and integrated Installations on supersonic
transports and fighters. Integral parts of the inlet/airframe combination such as
bleeds, diverters and dump doors are considered in the experimental mzthods. In order
to optimise inlet and airframe integration, measuring methods for flow environment and
visualization are discussed.

The reasurement of steady staie engine face flow and distortion is discussed
including the design of rakes and their interference, preassure recording methods and
displays. Methods of surge simulation are described and associated unsteady measurements
in the inlet. Measurement of mass flow and calibration techniques are diacussed.

In the review of these methods the shortccmings ¢ the present techniques are
pointed out and where possible alternative proposais are made. These on occasion involve
the use of engine simulators which are briefly described. Interference “fects due to
transonic tunnel flow and due to the testing methods themselves are cr lered, as are
Reynolds number effects and methods of model scaling.
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ZXPERIMENTAL DETERMINATION OF INLET CHARACTERISTICS AND INLET AND
AIRFRAME INTERFERENCE

by

E. C. Carter
Aircraft Research Association Ltd.
Manton Lane, Bedford, U.K.

INTRODUCTION - INLET AND AIRFRAME INTERDEPENDENCE
Transport Aircraft

For simplicity of design and test analysis a propulsion system completely independent of the airframe
is most desirable. This is most nearly achieved with the larye subscnic transport sircraft with underwing
podded installation, The inlet is mounted well forward on the wing and tilted and toed to pick up an
approach flow environment almost independent of the supporting airframe. Such an arrangement can be
optimised at a design point to give intake performaunce equivalent to that of the isolated intake. Early
designs like the B.707 and C5A had relatively long pylons which aided the independence of inlet and
airframe, but currently for reasons of engine size, undercarriage height and wing position the tendency is
for pylons to be greatly reduced in height with a consequent increase in inlet/wing dependence. Whilst
still considering the large transport, as we move into the transonic regime the tendency is to integrate
designs for low drag and area rule. Rear fuselage boundary layer ingesting intakes or integrated nacelle
fuselage der ns will aim at high drag-rise Mach number and a low magnitude of transonic drag rise.

For the large supersonic cransport the integration philosophy has diverged into two schools -~ the
Concorde,XB-70A,TU~144; and the Boeing supersonic transport. The former takes advantage of reduced
frontal area with buried engine installations whilst accepting airframe and boundary layer interference on
inlet performance; the latter takes inlet air free from viscous interference and with possible Zavourable
interfe.ence but accepts a larger wetted area and pylon installation penalties. It is perhaps debatable
where the demarkation lies between a pylon and a diverter in these configurations!

e
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FIG.1. LARGE SUPERSONIC TRANSPORTS
Fighter Aircraft

By the very nature of the operational requirements most fighters fall into the integrated-design
category iriespective of speed. For these cases, whilst design point performance is impc:tant, the
off-design behaviour often dictates the final chosen configuration. Sensitivity to local Mach number
changes and gradient, flow angle and body vortices strongly influence the layout although the number of
different configurations, produced to meet a given specification, still remain surprisingly large. 1In
general the fighter types cannot be so easily categorised as the transport, each case needing to be
considered in its own parcicular application, For this reason inlet testing methods on fighters often
need to be adapted to the particular configuration.
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Testing Requirements

Let us consider firstly what information the designer requires from his wind tunnel tests:

oW nsruuuuz
L |
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INMETINTERFERENCE &+ °.. NTERFERENCE  INET

ON ARFRAME N INLET
l I ENGINE FACE ENGINE FACE

| MEASURING VISUALISATION
S METHOOS METHOS
LW FLov
ENVIRONMENT METHOOS

MEASURING
METHOOS
FIG.3

The methods of approach and the relative importance of the different items will be very dependent upon
the particular aircraft deeign, its application, and speed. Careful consideration must be given to the
breakdown of the tests into different models, with due allowance for the interaction of related effects,
e.g. exhaust and inlet flows on the high by-pass pod.

1. INTAXE INTERFERENCE ON AIRFRAME

1.1. General corrections for intermal duct flow

First in the list of all test schedules is the aerodynamic force and moment model. This is the
datum model that carries the bulk of all the project testing. This is the model around which all other
tests must revolve, their object being to provide correction increments to apply to the datum results., It
is important that this model be very carefully planned from the start zs an incorrect inlet flow
representation will create a need for correction which might otherwise be avoided. It is usually axiomatic
that this wodel will either have faired or free flow ducts, the present situation on model engines not yet
being sufficiently far advanced for use in general routine testing.

Congidering firstly the free flow duct, if the mass flow ratio is made correctly representative
of the full acale flight conditions then the momentum of the inlet streamtube is a correctly azaled
representation of the full scale momentum, hence the fsrces interacted between the inlet and entry
streamtube will be fully representative. In these circumstsnces no correction needs to be made for these
inlet forces and moments. The same arguments may not however be applied to the duct exit which for a
free-flow model cannot in any way be representative of the full scale force and moment of an efflux.Hence
in the design of this model it is preferable to make the inlet as nearly representative as possible in its
mass flow capacity, by oversizing the exhaust nozzles if necessary, so that the final results will not
require correction for both an unrepresentative inlet and an exhaust.

The generalised equations for the forces and moments due to internal duct flow ave:

~g

VIEW IN VERTICAL PLANE THROUGH BODY AXiS PLAN VIEW AT ZERO INCIDENCE
FIG.4
For stability axes:- )
2
Drag DI = p V A coc B - [KPC‘Pw)COB(U‘G'W)COS(X‘Y)*OeVe cosycos (o+a)cosycosi ]Ae
. . 2 .
Lift LI [er pw)sxn(a+a-#)cos(x-y)¢oeve cosysin(o+a)cosycos) ]Ae
. . - on w2 2 _ _
Pitching moment n p-VmA”dl.c038+ocVeAed2COIwcolY + (pe pw)Aed3cos(x v)
-
. - - 2 . - . - N -
Sideforce YI P VoA sin 8 + oeVeAecoswcosys1nx+ (pc pu)Aecxn(x Y)
Yawing moment n, - p‘ViAnel - peViAeezcosWCoey - (Pe'Pw)Ae°3c°' (o-¢)

The process of correcting wodel results measured with these duct forces and moments to full scale requires
a knowledge of the differences in all the component items between model and full scale. In general the
only terms difiering significantly between model and tull scale are Ae’oe'pe and Ve at the exhaust. If the

captive streamtube area A, is made representative then all the terms associated with the inlet momentum
cre fully representative of flight and so can be eliminated as correction terms in the above equations

10
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(including ram drag of course). If however it is not possible to make the inlet flow conditions
representative then it is necessary to determine a 8A_ and values of e) and d;. 8A is relatively easy to
measure but the position of the infinite streamtube e, and d; is much more difficult.

Drag of course, remains the exception by the nature of the definition of standard internal drag
which corresponds to the standard net thrust, hence the elimination of the entry ram drag term because of
its correspondence 7ith the full scale ram drag would give values for the aircraft external drag much

larger than thos~ normally used, these values would then have to be used with gross thrust for performance
calculations.

1.2. Datum Plow Representations

1.2.1. Undexwing pod installations
The inlet is the least of the problems associated with the underwing pod installation.
In order to minimise inlet flow distortions the designer places his inlet well ahead of the wing leading
edge and adjusts the inlet centreline to align with local flow at cruise., The inlet mass flow may be
correctly represented by the use of a simple free flow nacelle with appropriately sized exit, for a
streamwise subsonic duct the net standard drag due to internal flow is

. [{ B -C ) + 2] o ]
AC, - C. - & —— - C
D Aref T Pe 9% T

where the isentropic thrust cozfficient 02:,r ~ { (pe pw) + pe Ve (Ve Vw) }

P-P
c - =
Pe q

*
s H = —%— at exit e ; 6 = Momentum thickness at exit.

For a choked duct one of the many standard internal drag equations may be used.
24 A — 2qe

ac - = c. +
D Aref Aref l_ Pe 9

the values of CP and % /q being obtained by integration over the exit.
o0

Interference of the intake flow on the wing flow can only be measured in a qualitative
manner by using pressure plotting and even in these circumstances a true evaluation of the total
interference is difficult because of the interchange of buoyancy forces between wing and nacelle which do
not necessarily constitute drag. Care should be exercised in the interpretation ¢ interference results,
favourable wing interference on the pod is very easily cancelled by unfavourable wing interference.

The representation of the plume shape on the model nacelle for a high by-pass ratio is
the major difficulty. For simple tests a shaped aft fan cowl is used assuming that it will have a
representative interference. For more complex tests the pod may be replaced by a model fan engine, which
can represent at the same time both the inlet and exit flows; the capture ratio of the inlet being reduced
by (By-pass ratio)”" and the fan exit being representative of the total pressure and temperature.

Measurements with these simulations on configurations of the type shown in fig.5 are used

- to study the combined effects of inlet and exit flows on local airframe
surfaces. These effects are measured as a whole and the use of this
complex simulation can only be justified in its representation of the
exit interference effects.

A limited amount of data is available on the interference of
podded inlets on wing flows, it might be argued from the foregoing that
this effect in isolation is of little importance if the jet flow
predominates. However it can also be argued that spill flow (and all
inlets do spill in relation to their highlight area) could have a more
gignificant effect on the wing flow characteristics than the

)§ undersurface interference of the jet. If spill flow is looked upon as
¥ a local increase of wing incidence, and jet interference is looked
upon as a modification of local trailing edge pressure then either of
these effects could tilt the balance of a critically designed wing
section. It i3 assumed that this has not occurred on current aircraft
or that clever design has obviated its effects, but in the field of
future wing designs for very high subzonic Mach numbers there will be
little margin for underdesign to cope with an interference which causes

premature trailing edge separation and forward movement of the upper
surface shock.

It is in this realm of future testing that Reynolds number effects
will predominate., Future designs will incorporate all the potential
advantages of the relatively thin boundary layers of full scale flight,
trailing edge flow separation will dictate the degree of permissible

FIG.S rear loading and premature breakdown of the wing upper surface flow due

to inlet interference could be catastrophic - not only to drag and

economics, but to buffet and handling in general. The spill conditions of cruise flight capture ratios
may be built into the wing design but the engine failure case could be more critical than it is at present.
This short digression is made to emphasise the importance of intelligent boundary layer representation at
current test Reynolds numbers and to demonstrate the need for high Reynolds number facilities - at least
for limited check-out purposes.

1.2.2. Over-wing ingtallations

Whilst this may be a somewhat unusual configuration ivs presence cannot be ignored. In
the present stace of the art, as far as wing nacelle integration is concerned, it is unlikely that this
type of design will be seriously contemplated for high Mach number performance. For a particular
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configuration of this type two interference factors have been the subject of study.

In the first experiment, fig.6, the effects of inlet spill
flow were measured on rotating rakes in the plane of the fan
cowl exit, using the momentum defect technique. This model
was a specially enlarged version of the aircraft simulating
accurately only the strictly relevant parts. These results
could be compared with isolated nacelle results to determine
the effects of the presence of the wing and fuselage, anc in
particular the wing shielding and leading edge separation
effects at high incidence and Mach number. The technique was
quantitatively valuable in providing the drag of the
nacelle-pylon combination without the confusion of buoyancy
forces, This model was also used to determine the interferenmce
effects of the wing leading edge and upper surface flow on the
internal flow in the fan plane.

The second experiment'used a representative free flow duct
to determine the intesference on the derodynawic handling.
Experimental results indicated strong interference on the
local wing upper surface which varied chordwise and spanwise
and was dependent upon spillage, fig.7.
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FIG.7.

The overall serodynamic effects were mcasured on a conventional aerodynamic force model,
fig.8, with free flow nacelle. The pitch stability was of particular concern as it was realised that the
loss of wing lift associated with the interference would show mainly as a pitch change Jue to downwash
change at the tail. The resultant effect of this was to indicate a "speed instability" in which the
pitching moment for a 1g flight cruise condition showed rapid change with Mach number. Methods of
correcting this problem were obtained in further wind tunnel tests on the modified model.

FIG.y.
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1.2.3. Rasr fuselage installations

Plow epvironment tests, described in 2.2,
norually define acceptable installation areas for rear fuselage
installations. The influence of the inlet and its spillage
may be obtained in the same way as for the wing installation,
by use of the free-fluw nacelle, with the same correztiona. Por
this configuration however, it is ossible to isolate more
easily the instailativn interference of the nacelle airframe
system, This makes use of the twin sting support system, whereby
the forces on the rear fuselage and nacelle are meagsured
independent of, but in the presence of, the wing and forward
fuselage.

The use of this test system is best
described liagrammatically:~

SNGLE STMG TESTS 1 WITH NACEUE
(COMPLETE ANCAFT) 2 WTHOUT NACRULE
TWAN-STIHNG TESTS
(WEAR FUSALAGT) mu;mmam
OIFFERENCES SETWEEN
UD WITH AND WITHOUT
SINGLE STING
COMPLETE AIRCRAT WITH
OUT RACELLES CORRECTED
FOR SNGLE STNG INTER- TOTAL &
FERENCE ANRCRAFT
¥ $. WITH NACELE 1
(LIVE FORWARD FUSE- 9 WITHOUT NACEULE | m
LAGE AND WANGS) SPLIT LINE
FIG.10.

2 The many details of this technique are beyond the scope of this lecture, some typical
results hovever are of interest.
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FIG.11.

1.2.4. Integrated Fighter Type Configurations

This category covers a multitude of different configurations and speeds, By the very
nature of the integration, the regions of interf( rence cannot be isolated or dealt with on & piecemesl
basis. It is accepted that general interference will occur and measurements are made to ensure that the
effects are minimised. For this type of configuration the problems are more related to the airframe
interference on the inlet which is leas tolerant than the sirframe.

For the aerodynamic forxce model the major problem is usually the choice of support system.
The size of the model forces normally dictates a large sting which causes distortion near the free flow
exits if their size is to be compatible with the inlet mass~flow ratio. Sting and afterbody distortion
effects may be classed along with those of jet representstion and can normally be simulated on special

13
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blowing models. The inlet flow may be satisfactorily represented although varying the mass flow pluy
sizes can be tedious. Mutual interference of inlet and exhaust must always be considered and checked if
likely to be significant. Two examples are the best way to highlight the problems, and some specific
solutions.

In the first eunple,’ the nodel was of an aircraft with twin inlets and exhaust. The
exhaust was close to the rear fuselsge similar to a Phantom and it was required to separate the effucts
of inlet flow variation and exhaust flow variation. FPor the inlet tests the whole aircraft was represented
with free flow, hence this free-flow air exhausting from the nozzles would be at an unrepresentative
pressure ratio and would give erroneous aerodynamic jet interference forces on the rear fuselage. To
separate the inlet spill flow effects an extended exit duct was used which was copiously pressure plotted
to determine the internal drag.

FIG.1z.

To determine the basic aircraft non-spill or datum drag, the correct nozzle geometry was used, again with
detaileu pressure plotting. This result in conjunction with other tests enabled full separation of the
various interference terms, within the limits of a cold experiment, as follows.

Test No. Intake flow Tailplane Nozzle Nozzle PR Effects of :
Pcsition
1 Design Yes Correct W%O_SV:%E Datum design point
2 302 spill Yes Correct " Check datum with spill
3 Design to zero No Downstream " Spill effect
4 Faired Yes Correct Approx.l to 5 | Jet effect
5 Faired Yes Correct Approx.1 Datua zero jet

The second example is a model of a transonic vectored thrust aircraft which had its twin
inlets feeding a single engine which in turn provided two cold forward jets and two hot rear jets. The
direction of the jets was such that their influence could not be neglected in their interference on the
whole aircraft flow field. The model to simulate this condition used a peripheral ejector system mounted
in the model shell, this system was effectively an engine simulation in that it induced an approximately
cotrect inlet flow and simulated reasonably well the total pressure ratios of the 4 jets - albeit cold.
Conventional 6-component forces were measured on the model shell which surrounded this 'engine unit'.

FIG.13.

This test technique was very successful, but drag was not as accurate as that measured on a conventional
free flow model. In this instance the problem of external rake measurements and internal drag definition

T4




L A e Al o i A e b R A T TTTTERARTE TR o e TEATTTARYTE T T TGN VN TIAE TR TR AA T T T e “
A

was exchanged for the problem of satisfactory seal development with low interference and hysteresis.

1.2.5. Supersonic Transport - Slender wing configurations

Supersonic. Naturally the Concorde has dominated the European scene, demanding techniques
and accuracy far in advance of those previously required. The basic supersonic aerodynamic force model
was required to provide a datum drag to an accuracy better than 0.0001 in Cp. This drag figure would then P
be used in conjunction with the results of specisl tests to estimate the installed drag at a precise flight
condition of fore-spill,diverter height,nozzle pressure ratio, secondary flow and many other variables.

] The aercdynamic model had to be a perfect external representation with a non-spilling

- inlet and carefully constructed internal ducts with uniform exit flow and minimum base area. In practice,
to provide a guarantee of sufficient accuracy without interference from the measuring system an auxiliary
; traverse gear carrying 4 pitots and a single static was used to provide a very close matrix of data from
. which the precise exit mass {low and momentum could be determined.

Separate calibration of the duct on a suction rig was not considered to be sufficiently
accurate as the external base static pressure at the nozzle exit was variable across the exit plane due
to the airframe interference and model incidence,

Two techniques of duct representation were employed:
(a) a constant area duct, with low internal drag but very non-uniform exit flow

. 4 . cp L . . eos cesos
and (b) a con-di-con dvct with an exit size designed to give minimum gensitivity to
measuring errors in the exit plane.

E
g
3
i
3
1

In order to dufine the optimum duct exit, *the internal drag equation is simplified from

DI = oV - l (pe - p, + mV)dA for small inlet and exit angles

Ay
to D, = [ Pe fl(He)dA + p, A
e

e
2 (Hu a,a*)w 2
where fl(“e) - Y M, T§737::7: - (1+y M, )

This latter function incorporated with p, requires the evaluation of one integration and also permits
the determination of the optimum choice of M, to minimise the magnitude of the internal drag:-

.04 4 00010 \ Mg210
EXIT STATIC PRESSURE ERROR
BDg v+ 0 001 Po
*02 —{ + 00008 \ Mas14
ACDN‘

VAN REEREED
/2N )
23N

. + 00003 T T
} EXIT PITOT PRESSURE ERROR
M Acom AR -0 001 Ry
: 08 Mor10 \Mos14 \M_s18 \u\..n \u.-zs ° ve ]
N 7
M, 1014 16 22 26
-t - 00005 4 1
0 10 20 Me 30 o 04 08 2 16 20 Me 24
VARIATION OF f,(Mg) EFFECT OF MEASUREMENT ERRORS
' FIG.14.

It will be noted from these figures that f)(M,) is very close to zero for M, » 2.2 and
M, = 1.0, in these conditions the velue of Di + p,A_ both terms of which are independent of the
measurements at station e. In practice of course, “even for nominal sonic exit flow, lccal variations
require elemental integration of ["ef1(“e)“] . The error curves are of interest in that they indicate
a nead for My, = 1 to el'minate errors in p, but varying subsonic M, to eliminate errors in Pe+ The
final choice of duct design depends upon the range of M, of the test and the level of absolute accuracy
required. These tests provide a corrected datum result, the effects of spill are considered in 1.3.3.

pe—

Transonic. A series of tests was also required for the transonic performance includiug
spillege. For these tests the internal shape of the duct exits vas carefully faired to give a smooth
contraction to a choked exit. The lower mass flow cases created a peripheral base area arcund the duct
exits and so necessitated additional pressure plotting. Preliminary experiments showed that virtually
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any external rake mounted on the base would provide interference on the absolute level of the base and
duct static pressures. 1t was therefore essential that for transonic testing in particular, the base
pressures and duct exit static pressures be measured by pressure tubes installed in the model. Total
pressure profiles wers obtained by multi-rake measurements which served to relate the area-weighted exit
total pressure to say two reference pitot pressures in the rake. These two reference pressures could
then be measured by small model-mounted pitot tubes st the same time as the base statics and duct statics
and whilst the forces were being recorded. In this manner, all data was obtained in the same run, a very
necessary requirement for the definition of the drag rise curve.

1.3. Effects o. Inlet Spill Flow

1f it is supposed that the basic force and moment results have been obtained from the standard
aerodynamic model then in these tests the inlet should have been operating near its design point. In
practice however because the engine demand and inlet geometry cannot be represented at all test points,
it is necessary to determine the effects of this mismatch. 1In general, drag of primary importance in
these tests, the effects un lift and pitching moment being secondary.

Ya principle of course it is possible to make tests on the aerodynamic wodel to determine the
effects of spill flow. This would be done with a range of mass flow control plugs and compreheusive
instrumentation in the duct exit. In practice there are various reasons why this should not be done.

(a) A special spill model can be made to a larger scale with good representat.on of diverters,
aft spill and bleed.

(b) By reasonable aerodynamic consideration, only parts of the aircraft need be represented,
hence sensitivity of particular components - drag ia particular - can be enhanced.

(c) Special mass flow and momentunm calibrated sections may be installed in z special model.
(d) Larger mass flow is possible in the special model by use of enlarged exits.
(e) The effect of base pressure can be measured more carefully and accurately on a special model.

(f) 1t is easier to install a remotc moviag mase flow control plug in the special model, and this
permits the recording of the variation of force components directly with mass flow, in a
single model test configuration.

Various different model arrangements have evolved for the determination of spill flow effects.
Considering firstly the transonic pouded installation, the standard procedure is to optimise the cowl
design in isolation and then by pressure plotting methods determine the interference effects of 1local
surfaces on the installation. For wing installaticns these effects are generally small; for aft fuselage
installations flow enviroument studies are a necessary preliminary to the tests on the isolated cowl.

1.3.1. Spill Drag methods for the igolated cowl (Subsonic and Transonic speeds)

Current requirements for high by-pass cowls are dictating severe design requiremeuts.
The very fact of the greatly increased mass flows which are taken through the inlet means that any spill
drag increments which would be acceptable on the pure jet engine would be magnified several times for
the high by-pass inlet. The size of the inlet, forces the designer into large ratios of DHighlight/Dmax

and the ever-increasing cruise Mach number demands high drag rise Mach number. For this reazon, accurate
measutring methods are needed to study the future development of inlets with high Du/Dpgy, small L/Dyax,
and high Mcrjpe The development of the M = 1.0 transport will probably relax the small L/D requirement
and perhaps reduce DH/Dmax gomewhat but Hcrit will obviously be predominant.

METHOD I. Cowl surface ptessure;p}ottiggs

For the more advanced requirements with supercritical flows and shock waves, it will probably
be essential to discard the determination of drag from cowl pressure plotting and boundery layer rakes.
This .. hod whilst having the advantage of copious surface pressure data for diagnoetic purposes suffers
from tne ditficulty of stagnation point definition and the calculation of additive drag,

METHOD II., Force balance5

These latter difficulties are avoided by the use of a force balance and internal momentum
methods - as for ttz aerodynamic force model. This method has the advantage of measuring asymmetric
cowls relatively easily.

4 S
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METHOD III. Momentum Loss®

A third technique employs the momentum defect method, whereby the loss of momentum of the free
stream flow which is influenced by the cowl is measured, This method requirea accurate measuring
techniques and does not satisfactorily provide an absolute datum drag level. However with care, accurate
results of spill drag and cowl comparisons may be made.
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FIG.16.

Problems associated with these methods

For transonic cowls the previous assumptions of independence of forebody and afterbody are no
longer valid. Rigs of the type shown in the figures must now be fully vepresentative to the fan exit.
The nacelle drag~rise condition will coincide approximately with sonic conditions at the crest and with
curvatures currently applicable on short cowls for high by-pass engines the flow at the crest wiil be very
aware of its downstream conditions. However, for free flow or sucked nacelles as used in these tcst rigs
it is often impossible tc reduce the duct diameter at the end of the cowl to be both geometrically correct
and to pass the required inlet mass flew - for the model tests we do not have the fan compression to
assist the reduced exit size. Sn it is hoped that the shape of a geometrically shortened aft cowl can be
made sufficiently representative to provide correct cowl flow at the crest.

~
e

COWL SUFPORT TUBE INTERFERENCE

FIG.17.

It does unfortunately mean that the drag of the whole correct cowl assembly may not be measured. In
addition, we have the problem of the forward pressure interference of the expanding duct or the rakes
on cowl flow development. Measurements have shown these to be significant in that :

(a) The pressure field may influence the recompression on the aft cowl causing
premature separaticn which would lead to erroneous conclusions regarding
the spill drag.

(b) The pressure field will give a buoyancy force on the body which will interfere
with drag measured on a balance but will not affect the wake traverse result.
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Measure “nts of the interference effects of an expanding body, or a rake, or a support body, aft of a
cowl at ..'nsonic specds are indicated below :
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FIG.18.

(¢) The very existence of these sting forward influences on the total cowl system
accentuates the need for cepresentction of the fan jet. There appears to be a
strong case for the use uf a fan simulator iu this work. This would provide the
correct representative fen pressire ratio aud would permit correct geometric
representation of the fan cowl. The forward influence of the expanding fan flot
would then be fully representative (except for R.No.) and the total profile drag
of the fore and aft cowl could be measurcd by the momentum—-defect Metlod III.

216.29.

It is not proposed that all experiments sliould be donz this way but that an
intelligently selected series of cowls might be tested to determine the magnitude
of the problems and the interference. It is not considered that this mathod is
easily adaptable to force balance measurements.

1.3.2. Spill drog merhyds for infegra.ed installatioas

As previously jentioned, specisl wodels of maximm scale arc used to accuv.tely determine
the effects of inlet spill flow over the full flight speciTum. The methods used follow hose of the
aerodynamiz model and thc same momentum equations apply. Mocels for this purpose are usually only
representative in the regions where the invjuence of the intske and the intake spill flow might be
exrected to occur. For twin inlets at aversonic ir2cds only 1 inlet nead be represented. It is ususl,
for example, to reduce the span of the wings, where pessible, to reduce the bLalance loads and increase
sensitivity, Such special models m., be used to opt:mise the installation drag of the basic inlet and
diverter gysten as well as measure spillage drag. It i, commor to make the frselage section constant
shortly behind the region of influence to minimiwe aft body effects which might mask the required
measured terms.

DESIGN REQUIREMENTS

Por spill interference measy .ments it is very desiraple that mass flow should be changed during a
test by remote contrsi. This requires a motorised mass flow throttling plug which may or may not be
attached to the live madel.

(k'
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Metric mass flow control

Por the live (or metric) plug the total force on the model and plug must be accounted for in the
data reduction force equations. The determination of the force associated with the plug exit flow is
considerably eased if an annular mass flow plug system can be used in pref-rence to a central plug.

B0T MOMENTUM
——_———-El BXIT MOMENTUM ::/ PLANE
PLANE | ADDIMVE FLUG
."/ —_ \./'C_ PORCE
: - —> METRIC RLUG
' —_—
: Foxe —— BASE FORCE
:]_ - BASE FORCE ¢
----- -—-“--—-————J = t.-SE FORCE
AHNULAR PUIG METRIC CENTRAL PG

F1G.20

For this reason early tests of this type were made in a series of different test runs with interchangeoble
annular plugs. In this way the erit flow could be well-defined to give both accurately calibrated mass
flow and momentum. This method is probably well suited to a blow-down tununel, but is expensive and less
accurate for & continuous tunnel,

The metric central plug is rarely used, this has the major disadvantage of the difficulty of
defining the forces on the plug aft of the exit momentum plane wiich have to be accounted for in the
force balance equations.

Non~metric mass flow control

This system whilst being similar to th: metric plug has certain advantages in the definition of
terms in the force ba.ance equation:

@_lmm SKIN FRICTION TERM
A

EXT MOMENTUM :
PUNE

t

]

]

.

C METRC PLJG FORCE
J

zzzzzﬁ\m .

FIG.21.
In this m:thod the morentum at the end of the live model ir determined from a momentum determination at
a plane upstream of the mass flow plug and an estimated o. calibrated skin friction term between this
station ard the ex’t plane. The difficuit and large terms on the plug behind the exit plane do not have
to be accounted for in the force balance equation,

The balance of forces that exist on both the metric and non-metric plug systems is shown below:

THRUST THRUST
//,sfolrunsr
oW, THRISST (2) COWL THRUST (2)
Ve
0 ¢ ¥/_
g = i
ORAG DRAG
ADDITIVE DRAG (1) ADDITIVE ORAG (1)
]
NON-METFIC SETRIC

FiG.22.
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Instrumentation and Calibration

It will be seen from the above terms in the force balance equatior that several of the terms are
of similar or greater magnitude than the resultant external drag. This imposes very stringent requirements
on the instrumentation used to determine these terme, and it is for this reason that as large a model as
possible should be used.

(a) Balance

The six compenent force and moment balance is requived to provide an accuracy equal to that
of the requirud final answer, which in turn nust be agual to that of “he aerodynamic force
model i.e. 2 - 5 drag counts (1 drag count ACp = 0.0001) for a sub and supersonic fighter,
1 drag court for the subsonic transport, and better than 1 drsg count for the supersonic
transport.

(b) Mass flow and Momentum

It is u,ual to instrument the inlet drag model to measare engine mass flow, however experience
has shown that with engine face distortion this instrumentation is of little value in definirg
true mass flow to the accura , required in drag experiments. Current procedure is to either

(1) install a calibrated venturi section or (2) use & calibrated rake,ahead of the mass flow plug.

MZTHOD (1) PIG.23 METHOD (2)

Reproduced from
METHOD 1 best available copy.

In this method the duct i-, calibrated in a test cell, with an overall pressure ratio > 10:1, which
contains a precision calibrated orifice plate of known dizcharge coefficient accurate to }Z%.

CALIBRATED
ORIFICE PLATE

DISTORTION
7 ICREENS

—

DRY AIR

e
OIFFUSER  gyrire

RAKES

e~ DUCT T0 8E CALIBRATED
FI1G.24.

Pressure measurements are m ie over a complete range of mnass flows, these include .he full engine face
array, 4 wall st:tics + 1 pitot at the entry to the venturi, 4 wall statics in the venturi thooat, and

4 wall statics in t'c exit. Discharge coefficients are vbtained by relating the p -cision mass flow to
that calculated using the standard venturi -+  flow method associated wich the mes. upstream and throat
static pressures and the venturi contractis tio. 1In the particular case teated, the venturi dischacge
~afficient varied from 0.82 to 0.92 for ve. .ri upstieam Mach numbers from 0.1 to 0.5. The reasen for
*:i¢ Low value and large variation was probab.y the limitation of venturi length in this case. Tests with
typical inlet distortions showed only X variation of the venturi discharge coefficient.

Calculation of the momentum at the internal exit station of the model uses the vuenturi mass flow,
and wall statics at the stetion, the form of the eguation used for net standard intermal dreg is

2 Ao Ae [ 2
D A - . . (p, ~p.) *YP M ]
I Ar.'ef q-Aref e ® - ®

from the relationship —;{—:—— - f (H'). with known n/T and P, obtain M . hence CDI.

Check calculations assuming a range of djffereat totel pressure istributions in the duct, whilst
maintaining continuity of msss flow, have shown that th. error in the alope of the spill drag v mass
ratis curve shculd not exceed SZ.

This model has 2)s0 been used with two different ianiet Lised systems vhich are fed to precision
orifices in the base. The internal force of the hlead flows is calculated in & similar manaer using
the area of the exit orifice and the lucal static and bleed mass flow
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3
METHOD 2

The rakes used in this method, shown in the above figure, were very carefully calibrated to be
corsistent with che caiculation of standard internal drag from
A

fd rake 2
cDI 2 Aref - quref l: (Prake Py )+ Y Prake Mrake]

The sensitive terms in this equation are A , Prake’ and M » where A and l(prA) are
related by measured mass flow. In the example shown above the internal rakes, el duct, and exit -.'e
calibrated for accurate measurement of mass flow. Flow through & standard orifice plate was compar < - th
that meusured by the rake using the model duct but zeplacing the inlet by a 4:1 contraction bellmou’
The following calibration factors are evaluated from these tests.

(1) Mass flow An

For teats with a fully choked exit plug flow: Aexit effective ™ Aexit geometric’ KDP

where mase flow /T = Q. Aex.effective' Prake

For tests with subsoni. unchoked exit plug flow: m/T = KD (Ap)rake
R

and Q = Constant

(2) Mach nomber

In the ab.ve equation the true mean value of M is required. This is obtained in the
following vey for a family of velocity profxlesaﬁefxned by
Lresre sl WAL

- i
A ‘_;ﬁ % - 2]

to give two constants

K = Mewn Mach number from integration of velocity profile

1 Mean 4ach number from the discrete pitot points
K w Mean (Mach number)? frow integration of veiocity profile
2 Mean (M number)4 frecm the discrete pitot points

K1 for a low Mach number duct flow is equal to the mass flow coefficient KDR' and theoretical calculations

give a simple linear relationship between K, and K, for values of 0.2 € z £ 0.8 and 2 $ n § 7. Hence for
any given 1nlet size a relationship is obtalned begwc en mass flow control plug position and true mass
flow and M2, These provide the necessary accurate input to the basic drag equation.

(c) Base pressures

It is essential to recess the base of the model such that a reesonably uniform r essure exists.
To this end, sharp chamfered edges to the external body profil. ad nozzle exits ‘hould be
provided, The base pressures should be measured with integral scanivalve instrumentation. The
practice of using pitots mounted on a rear suppert with their forward facing heads very near to
the base should be avoided, particularly at transonic speeds. The influence of the rake
support system has been shown to have a strong influence on the bagse pressure.

This requirement of integral base pressure tubes also makes the measurement of pressures
in annular base plugs difficult.

.3.3. Spiil drag methods for slender wing installations

There is no fundamental difference between the integrated slend:r wing and the integrated
fighter as far as measurement of internal flow effects are ccncerned. The full representation of the
parts affected by spill flow must ve provided. Metnhods following the proposals of 1.2.5. for a datum
measyrement. may be used but this requires a series of different plugs each with associaced internal drag
measurements. However the main deterrent of this method is the need to obtain each point on a spill
curve from a differenv test,

3
In one supersonic application for Concorde, Method 2 of 1.3.2.
was used to provide accurate measurement at the same time as
continuous variation of mass flow.

It will be seen that the distortion associated with this
arrangement would have precluded its use at transonic and subsonic
speeds, #t shich conditions ii would have been necessary to
resort to the removable plug method. In these tests a pair of
fully instrumented inlets were used measuring engine face data
and providing remote variation of ramp settings and bleed. This
model was capable of measuring independently the effects of
throttle fore-epill, ramp spill and aft spill via dump doors.

It is obvious that there are no limits to model suphisticatiom.
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2, AIRPRAME INTERFERENCE ON IMLET s
2.1. PFore-surface representation and diverter height

In the planning of any new model of an inlet-airframe system it is very desirable to arrange

, for the inlet to be tested in isolation and then in the presence of the airfrume. This permits reasonable
optimisation of some of the inlet parameters before the interfersnce flow field is superimposed.
Arrangements should also be made to vary the inlet height relative to the surface on which it is mounted
to determine the importance of the interaction between the flcws.

N

At this point we meet the almost insoluble problem in the representation of an inlet/airfraxe
combination in scale tests. The approach boundary layer thickness at the entry plane of an inlet mounted
on a model fuselage or wing surface is unrepresentatively thick. For a pitot intake without diverter or
splitter plate the inlet-boundary layer interaction must inevitably be incorrect and only boundary layer
sucticz ahead of the '.let plane can avoid unrepresentative inlet measurements, particularly when an
inlec normal ~hock impinges on the boundary layer of the fore-surface. The usual parameter for the
representatior. of the height of an intake on a surface is h/6 where h is the height and 6 the thickness
of the approach boundery layer. This parameter describes adequately the proportion of the boundary layer
that is ingested by the inlet and which leads to the consequent reduction of pressure recovery at the

engine face [ « JG pvz dh., for h < § ] . It is obvious that this parameter is not adequate for

h
small h/g or when § is a significant part of the height of the inlet. However for h/g = 1.0 rhis is a
minor problem in comparison with the difficulty of the choice of how to represent the geometry of the
inlet in the presence of an unrepresentatively thick boundary layer:

R A e ettt ite X M

3 -

____.-:3-:-- A ?l"’—m The last of these alternatives appears to
S;@" §§S,€ " Vg ® 1 offer the best aerodynamic solution but the
' . > SN MODEL SCALE boundary layer removed by suction requires large
model suction ducts and could be sensitive to
- I — Pes 1, Ae comect incidence effects, such a scheme is also difficult
PPt ] 8% if force measurements are required. A simpler
N Ammncreasad and adequate alternative would seem to be (c) in ;
A R ’ ) ’ ) which the effect of a small reduction in fineness 1
: ratio should only have minimal effect on the nose
e by 21, Am correct potential flow. It goes without saying that the
M Ae recduced boundary layer on the fore-surface should have
. ) transition fiaed with a minimum grit or Ballotini
to provide a minimum thickness turbulent boundary
l layer at the inlet plane. A thinner turbulent
. g 21, ApAy corect layer may he obtained with a rear band fixation
m A forebody reduced on wing or fuselage if a reasonable run of laminar
K : . R = flow can be obtained, but this could be troublesome
in the event of random natural transition ahead

hig =9, Am,Ag correct of the band at incidence.
e, Soundary layer bleed

=SSN\ SN EE f

FOUR ALTERNATIVE METHODS OF REPRESENTING THE
GRRECT"/G ON A MODEL INLET AND FOREBODY

SRR
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FI1G.26.

The Diverter

The previous section has been concer.>d with the correct pesitioning of the inlet with respect to
the local surface boundary layer. The 'ive::er itself is of course an important interface between the
inlet and airframe and it is difficult to define whether it is the problem of the inlet designer or the
airframe designer: the onc preferring a large h/§, the other a zero h/§, dependent upon who is
responsible for the drsg or the power plaut performance. The installed drag of tne diverter is obtained
from tests described in section 1.2 where it is part of the datum Cp, at datum or zero spill. The
variation of its performance with red. “ed mass flow is integrated with the overall spill drag increment.

The performance of the diverter at spill aad off-design conditinns is only partially determined
from the spill drog tests and data on the modificd engine face recovery must be $ncluded in tha total
performance bou -keeping, nence a poor diverter may provide a two-fold loss o -~arfcruaace. Limited
pressure plot:--g may be done on the gpill drag model or alternatively a sper .1 . verter model may be
used to optimise divercer perfermance.

The ubove arrangement has been used with success sup’ - micclly to Zevelop diverter planform shapes
and divergence angles., Pressure plotting on the wing plate can be used o deter ire wing surface lift
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interference, diverter surface pressure plotting is nsed for drag integration. i
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In this test method it should be noted that the development of supersonic ilow between the tunnel wall ]
and the representative wing plste is not easy, particularly for M < 2, Some edge relief is very
beneficial. 4
i
LA \)TUNNEL CEMLNG \ N\ \_ /1
M=2 INLET FLOW SEPARATOR PLATE — A
— / [—— -
-
DIVERTER -
; f — e
3 & Y T \REPRESENTATIVE Sl .
WING PLATE —
3 N v Telelen.els" PRESSURE
x\ SUPPORTS i\ PLOTTING
: ANV TuNREL WAt Y VY SRR N\ N\ TUNNEL FLOOR Y N VN ]
FIG.27.
2.2, Measurement of Inlet Flow Environment 1

Much can be done in the early stages of a design to determine the type of flow environment
into which it is proposed to put the inlet. This is a desirable requirement for mnst configurations,
. excluding perhaps the underwing podded installation for subsonic and transonic flight, although
measurements of cruise flow direction at the inlet usually result in a small degree of toe-in. In i
particular, for the inlets positioned close to surfaces or far back on a fuselage, measurements of flow
direction, total pressure, and Mach number are very desirable, e1d of course the variation of these
parameters with airframe attitude. For these measurements & 5-tube yawmeter is usually fitied either to
a fixed or remotely controlled rake. This ingtrument, whose head angle may be chosen to match the
Mach number range of the tests, can measure flow angle in two directions, total pressure and local
Mach number. Calibration of the heads must be comprehensive, particularl with regard to instrument zero

arrors. ous
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FIG.28.

The use of a 4 facet head is preferred to the conical head as this reduces the crogs-flow interference.
For largg combined angles the accuracy is diminished but it is possible to obtain sngles accurate to %}
up to 10 and AM of 0.02. The evealuation of total pressure comes from the pitot p-essure and Mach number,

.

Some examnles of environment
survey models are shown below
with illustrative results.
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Reproduced from .b :
best available copy. 4

F1G.29(a).
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This latter example indicates results with 2 simple variation of mean flow direction for an intake
shielded by a wing with small pressure perturbations and with n> fuselage influence.

Por complex fighter-type configurations the flow
environment is very involved and there i- considerable
scope for the use of computer analysis output data in
a digestible form. The problem is similar to that of the
engine face distribution and so the use of similar
distorrion parameters and computer contour plots are of
great value.

FIG.29(b).

Flow Visualisation

As u useful adjunct to the complex measuring techniques above, considerable underztanding of the
flow approaching the inlet may be obtained by the use of flow-visualisation techniques. 1 .,. low speed
performance the water tunnel is of value in demonstrating interfereace and model attitude effects. At
all speeds, surface oil-flow methods indicate the direction of the surface flow in the vicinity of the
inlet, showing clearly the existence of separations, vortices and shock waves. These methods may be used
with success for internal flow stuaies as well,

FIG.30

It is emphasized that this :i2thod essentially describes only the surface flow although experience
enables reasonable speculation of the possible flow ia depth.

As an addition to oil flow, the vapour screen technique has been used for qualitative data. This
requires the operation of the tunnel at a controlled degree of humidity, the consequent fog density is a
function of the speed of the flow euvironment of the model and so if a thin vlane of light is shone across
the model a section of the flow field is illuminated. This may be photographed from the model support and
provides results of the following type.

Reproduced from
best available copy.
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3. MEASUREMENT OF THE PERFORMANCE OF INLET3
3.1. Duct and Engine Face Measurements

Rake Design

Current model methods using fixed or rotating engine face pressure rakes hav: been shown to
give good correlating data with full scale engine measuremencs. Present requirements of total pressure
distortion coefficients defined by engin~ manufacturers dictate extensive coverage of the engine face at
a minimum of 12 30" sectors and if possible, 24 15° sectors. For minimum interference a two-arm
rotating rake can be used with a sequence of 12 data points for every point on the inlet characteristic,
This, assuming that instrumentation is no limitation, will cost approximately 12 times as much as a test
using a fixed 24 arm rake. Obviously the latter is more desirable both from the economic point of view
and the fact that the data is taken over a much shorter period. The question arises, what is the limiting
number of fixed heads which can be used and what are the design problems of . multi-rake, Tests on two
different duct arrangements have compared the results obtained with rakes carrying 2, 4, 8 and 12 arms of
pitots in t' 2 first case, and 12 and 24 arms in the second case.

The first experiment used a rotating 2-arm rake to which was attached additional rakes to
make up the full complement to represent 4, 8 and 12 arms. In this way comprehensive measurements could
be made by rotating the rake and hence measuring pressures at close spacing in the presence of the
interference rakes. These tests showed no measurable effect on total pressure distribution but the
forward influence was such that the increased rake blockage increased the static pressures measured on
the wall, buller and rake. The static pressure distortion was unchanged.

=0
0834

Po .,//"\‘\\\‘-~\2?RAKES
./\\‘u
08! 1
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12 ARM ROTATING RAKE 0 1;w 3&0

FIG.32.

The second experimentscompated results for a fixed 12-arm and a fixed 24-arm rake. It was found that

the E,F. total pregsure distortion coefficients DH, and DC 60, and the engine face pitot pressure contours,
were adequately measured by the 24-arm rake but the static pressure distortion DP, was increased when the
engine face Mach numbers were large enough to apprcach local choking in the pitot rake supports.
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COMPARATIVE RESULTS WITH 12 ARM AND 24 ARM RAXES WITH LARGE ENGINE FACE DISTORTION
F16.33.
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In the particular installstion used in the second experiment the blockage created in the uniform
duct by the 24 rake arms caused choking for engine face Mach numbers near 0.5 and obviously caused s:atic
distortion for engine face Mach numbers greater than 0.35. Careful design with swept rake supports and
an expanding duct in the region of the supports would permit a 24 arm rake with a frontal tube blockage
of 2% to be used for engine face Mach numbers up to 0.5,

The actual measurement of static pressure on the rake may be made with heads with ogive nose

leng and static holes 10d behind the shoulder, with the static hole arranged to be in the plane of
or . ty ahead of the pitot heads. It is not particularly coumon to use rake statics unless mass flow
is ..-zed from the engine face measurements ~ which is only done as a last resort! Even in these

circumstances it is more common to place reliance on wall statics which are less dependent upon engire
face flow angles. Static distortion coefficients are of relatively less importance to the engine
manufacturer.

It was common practice at one stage to measure flow direction at the engine face by astalling
small Conrad 2-tube yawmeters, arranged to measure swirl., This was reasonably successful bu: the
evaluation of angle requires a knowledge of local 4pV" which in turn requires local static pvessure. Use
of a mean static pressure is however sufficient to ensure a calculated accuracy of 1°. Use ~t a standard
70° included angle head provides an instrument with a sensitivity 2R of 0.04; calibration 18 generally

required to determine the instrument error which can be of the order of $1° in spite of careful
manufacturing tolerances.

Number of Rakes

In the previcus Aiscussion the interference effects of multi-rakes was discussed without due
reference to the specification that dictates their requirement. The usual basis for defining the closeness
of pitot pressure coverage is the engine manvfacturers distortion coefficients. A large number of
different coefficients are in use and eac. may well require a different rake array. If it is assumed that
each rake will have sufficient radial coverage to provide a good mean radial pressure value, then by use
of . error analysis with a set of typical engine face distortion patterns it is possible to define a rake
-otational spacing to give a sufficiently sccurate value of the required distortion coefficientd Equally
well this may be done experimentally using the data from a close rake spacing in which the data from some
of the rakes is progressively ignored.

Por example in U.K, it is common practice to use a distortion coefficient

Lowest mean total pressure over a 60° sector - Mean total pressure,.

nc -
60
qmeanEF

and R =  Angular position of this sector. This describes the magnitude and position of a
region of low total pressure on the engine face, For differvent blade and engine applications, the value
of 60 may be varied. For a 24~arm rake mean values of radial pressure - DC, are available at every 15 .
These are combined in groups of 4 to provide a mean sector pressure over 60° ~ DC o+ There will be 24 of
these values and the minimum value can be accurately determined and positioned. Ig data from only 12 arms
is available, then only 2 arms are vsed to provide DC6O at 12 angular positions. Similarly, 6 arms each
provide their own DCGO'

Experimental data gives the following result:

THEORY ~05 EXPERIMENTAL
0C60 - gy
Increasing number of M
radial nngs

-034
024 t—o—0

-0 ‘N——-——‘

TAUE OSTORTION - MEASURED DISTORTION

INCREASING NUMBER OF RARES 6 12 2% N* RAKES

F1G.34.
3.2. OQutput Data

In zlmost all inlet tests in wind tunnels, data is recorded on a data logger via a scanning
swvitch system. Data-taking rates vary from one facility to another depending upon the type of facility
fcontinuous or blowdown), the total presaure level, the number of data loggers available. Kates varying
from 1 por. per second to 50 ports per second are used, the former being uneconomic is based on the
measurement of very low pressures, the second being & blow-down tunnel yequirement. This latter case
requires care to ensure that carry-over pressure interference between ports does not occur. Data reduction
from the data logger can be handled off-line or on-line depending upon the services at the test facility.
In either case a limited amount of on-line output is desirable to ensure the best spacing of the test
po 1ts, this is particularly true of subsonic and low transonic testing where the visual techniques of
schlieren and shadowgraph are not always available. Equally, visual aid to detert duct instability is
needed for the location of buzz points or subsonic twin-duct instability. For a simplified on-line output
a limit_d number of the rake total pressures may be put. onto individual transducers which may then be
summed as analogue voltages to give a mean engine face recovery. For mase flow, m/T may be obtained from
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plotter.

Buzz and instability detection may be obtained from high-frequency-rerp: .se flush-fitted pressure
transducers whose output is observed on an oscilloscope or on an RMS output met.r.

For a simple reversion to the old
manometer techniques, a T.V. display of a
scanivalve ouvput in simulated manometer form
may be produced on a T.V. screen.

A typical layout of a computer data reduction procedure may follow this scheme:

a transducer measurement of plug pusition for a sonic exit, or P and Ap for a venturi, these latter

measurements being used in a simple ¢  analogue circuit. These readings may be displayed on an X - Y

FIG.35.
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Up to this point the production of data

. . . . . CAFI6 SCO2:
has been routine apart from the judicious choice SERIA

of data spacing. The amount of data can however be
phenimenal and the final analysis somewhat tedious.
Off-line plotting of mass flow and pressure
rerovery with the associated distortion
coefficients provides reasonable assimilation of
the data and vhen it is necessary to imnrove
understanding, computer contour plots of engine
face distribution are produced.
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3.3. Supersonic inlet flow visualisation

In all classical treatise on the subject of inlet flow visualization, the pure axi-symmetric
or wedge inlet is vsed to demonstrate the value of schlieren and shadowgraph techniques. In practice,
the integrated inlet frequently precludes these simple visualization methods. For some conditions cf
course, visualization methods are impossible e.g. Phantom in elcv. .on, Fl4 in plan and sideslip, but it
is worth noting that some configurations may use the intake wall or floor splitter plate as a device for
direct shadow visualization. In the example shown, fig.38, of the tests on a single cell of a Concorde
inlet the shock system was projected onto the splitter plate which was painted matt white. The photograph
was obtained with an external camera on the same side as the light source. The second photograph was
nbtained from the shadowgraph of the externmal flow sround the model ard the internal throat flow. This was
obtained as a photograph of the shadow on tracing paper on the window opposite the light source.

FIG.38.

It should be noted that the exposure time of these phutographs is very long by normal
standards (0.1 secs) but the resulting quality is good and for steady-state flow conditions which are
normally being studied, a long exposure is more desirable.

For conditions of supercritical flow on cowls at high subsonic speeds the shadowgraph
technique may be used. For tests under these conditions
a porous or slotted tunnel wall is usually being used
making normal visualization techniques difficult.

Direct shadowgraph methods with a divergent light-source
can countribute to the analysis of pressure plotting
data on axi-symmetric inlets.

S
Reproduced from__‘_%
bez available copy.

F1G.39.
3.4, 1solated and Integrated Model test Configurations

Subsonic Pod Inlets. For measurement of the internal performance of the isolated subsonic
pod a model which is mounted near the tunnel centreline on a rear sting is required. Further requirements
are high iucidence and large inlet velocity ratios at low M. The latter requirement demands a source of
external suction which is capable of choking the inlet throat at low forward speeds (M = 0.2); it i under
these extreme conditions or large a and Y, 'V, tnat test results of flow ¢istortion are of most
significance. An example of such an arrangement is shown:
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Supersonic Isolated Inlet. For a clean installation that is reasonably independent of its
environment and that is optimised for operation over a limited design range, much of the development can
be achieved on a model of the isolated inlet at the environmertal approach Mach number. For the Concorde
inlet illustrated here, initial development of mutual interaction effects was studied on an Isolated twin
duct nacelle. On this model the «ffect of mismatch was striied with variable Mach number, incidence and
sideslip. With this model the optimum splitter plate was obtained and boundaries of mismatch could be
defined.

PIG.41.

For internal performanze a single cell model has been continuously used to optimise sidewall geometry,
ramp geometry, bleed ccafigurations and many other variables. The addition of a bouncary layer plate
and diverter makes the inlet flow distortion more representative and permits study of these variables.

kit it | 2

Supersonic Integrated Configurations. For the check tests of the optimised '. ‘et a fully
integrated inlet/airframe model is used. Two fully instrumented inlet cells are housed 1 . che nacelle
in the correct environment of the airframe. This represents a complex and expensive modei raquiring
large tunnel facilities which would not be available for the many hours of development testing used on
the isolated nacelles. For this type of model, care has to be taken to ensure that no forward
interference from the support and mass flow control system occurs, particularly for the subsonic and
transonic model versions.

aid

FIG.42.

Tests on this model have also been made
at low forward speeds with an ejector-asgsisted
mass flow suction to represent inlet velocity
ratios greater than those available from free
flow.

3.5. Mass flow meagurement and contxol

P Tt S YRS

This subject was treated in some depth in section 1.2 where it was essential to have accurate
mags flow For internal drag definition. The requirements of those tests are, if anything, more scringent
than those for engine perfurmance analycis. The choice of method of measurement is large, covering:

Y et a s Tt 4

internal (a) engine face integration (b) orifice plate (c) wventuri (d) downstream rake
(e) choked or unchoked exit plug,

or external (b) and (c). ;

Engine-face integrations are notorioucly troublesome, being very dependent upon distortion
and static pressure distribution., The orifice plate normally has unacceptable losses. The venturi and }
downstream rake are satisfactory if far enough from the engine face distortion and if properly calibrated. :
The subsonic exit plug is very dependent upon exit static pressure and distribution and requires ;
calibration, the calibrated choked exit plug is the most acceptable me’ 10d if sufficient pressure ratio :
is available. Measurenents external to the model have the advantage of controlled flow conditions at the ;
measuring station but for transonic and subsonic tumnel conditions, external suction is required; i=m
addition the whole length of the duct systems between inlet and measuring station must be completely R
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leak tight. Some examples of mass flow conrtrol plugs and measuring systems are given:

_—___.“"‘:":-

CALIBRATED NOZZLE
GAUZES  THERMOCDURLER  STATICS

EXTERNAL MASS RLOW MEASUREMENT BY DEBITMETRE

FIG 43, d

3.6, Bleed representation and measurement

Inlet bleed ducts may in general be treated as secondary inlets in the meacurement of recovery
and mass flow. It is usually more difficult to instrument and provide uniform flow in bleed duct but the
percentage accuracy requirements are much less and so the results are normally acceptable, i.e.i% of inlet
mass flow and 2% of inlet recovery. For choked bleed exits, the problem is simplified by the use of a
calibrated control plug. Venturi'’s may also be used with success but it should be remembered that a
venturi does not know the direction of flow!

3.7. Representation of Engine Surge

Consideration will be ziven elsewhere tc the measurements which are made to measure engine face
turbulence ind its use in the prediction of engine surge. In this section, the existence of surge is
assuned and the experiment to determine its influence on the upstream structure and the closely associated
engine, is described.

For the sake of clarity a parallel may be drawn between normal supersonic inlet buzz and surge.
In the former, the instability mechanism is associated primarily with the shock system which creates a
vortex or separation which causes continuous destabilisation and reform of the stable inlet flow pattern.
During the unstable flow cycle the high pressure air in the inlet cavity exhausts and refills civaing large
variations of structural pressure load, ani mutual interference on any adjacent inlet. I= pri-ciple the
fan or compressor stall provides a similar mechanism of inlet flow exhaust and refill, the :roquency of
course being aifferent from that of buzz.

Figure 44 shows a surge valve which was fitted to the model previously shown in f£ig.43(c). One
inlet had surge simulation whilst measurements were made on upatream transducers and in the adjacent inlet.
This valve was not only capable of completely cutting off the flow but also of providing 80X flow reversal.
Typical traces are shown in fig.44.

o, ST HIOARD  ENGINE
‘;,‘/s'w et \_ __,./\ /__W e
s (2] ——

QUTIOMO  “aUCY XL

22 SN N M e
- T - P T TN

{HFFUSER

- ,ROTANNG SHUT-OFF VALYVE

e —
HP AR MET

'

—
" AR TUSBINE UPSTREAM AR IMPASE ™ L}
RORESENTING  SURGE

MOOEL SURGE VALVE

W\

ammt

PRI PR OV

pe Ak

TiGMade ekt amANTA ARl s amnn




it

e,

AR

REFERENCES

4.

LOEBERT, G
THOMAS, J.

WILLIAMS,P.R.G.
STEWART, D.J.

GOLDSMITH, L
CARTER, E,C.

BRITTON, J.W.

FERRI, A.

JAARSMA F.

THORNLEY,S.A.M.

e ? T

3-23

Engine Airframe Integration Problems peculiar to Aircraft
Configurations and Nacelles mounted above the Wing.

AGARD CP 27, Paper &4

The Complex Aerodynamic Intecrference Pattern due to Rear
Fuselage Mounted Power plants.
AGARD-CP-71~71

A Review of Methods used for the Representation of Engine
Flows in High Speed Wind Tunnel Testing.
A.R.A.REPORT 24, R,A.E,.TECHNICAL REPCRT 72012

(to be published)

Measurement of the Internal Drag of Air Breathing Installations
on Slender Wing Body Combinations at Supersonic Speeds.
R.A.E. TECHNICAL REPORT 65275

Engine Airplane Interference and Wall Corrections in Transonic
Wind Tunnel Tests.
AGARD ADVISORY REPORT 36

Tests on a 24-arm, Engin. Face, Pitot Rake.
A.R.A.MEMO 125,

i
H

SR VSV 2P U U U
L;_._.‘u N O U STTY S PP DR RS I NPIITCISIT SNV BT SRS Lo

e e __.‘.“.L.‘A.,..L‘.M“,(....«..‘u.a.nu_m.;__“.w/.».Lk\m s

L Al




NOZZLE ‘/AIRFRAME INTERFERENCE AND INTEGRATION

Felix Aulehla and Kurt Lotter

Messgerschmitt-Bblkow-Blohm GmbH
Unternehmensbereich Flugzeuge
D 8 Miinchen 80
Postfach 8011560
Germany

SUMMARY

The lecture first discusses the main parameters involvecd in the interference between
internal and extern:al flow and shows also how these parameters in principle affect afterbody drag.
Then the definition of rear end drag is given in the conventional way and also in a more relative manner
approaching the physicai optimum. Mention is made of the necessity of adapting the experimental
procedure to the available theoretical methods for drag prediction during the early phase of an aircraf.
project.

For configurations with aingle and twin engines installed in the rear end of ti:e fuselage
wind tunnel test results for various nozzle concepts are presented and discussed. The geometric
variations in these tests comprise boattail angle, size and location of the base, nozzle interfairings and
engire spacing. The lecture describes in particular how, through the proper coasideration of these
geometric parameters in nozz.e/airframe integration, the additional afterbody drag can be drastically
reduced in the tranaonic flight regime.

Finally, it is shown that integrating the nozzle into the airframe requires careiul

optimizing of usually conflicting parameters: depending on the missions of the aircraft other factors,
¢. g. nozzle weight may take precedence over purely aerodynamic congiderations.

LIST OF SYMBOLS

A Area (for twin configuration: 2 nozzles) qa, Free stream Jdynamic pressuse
°p Drag coefficient, referred to maximum R Radius of boattail contour

fuselage cross section area, unless

otherwise noticed Re Reynolds number
AcD Incremenrtal drag coefficient (over ref.) s Nozzle (engine) spacing
o Friction coefficient To Free stream static temperature
e Thrust minus dray coefficient FI_:'D Ty Structure temperature

i
ACF Difference in < between ref. - model Tt Total temperature
N Normal force coefficient (tail) w Weight
P P x Axial distance downstream of max.
c Pressure coefficient local o fuselage crose section
P 9% x' Axial distance downstream of cylinder/

d Diameter boattail-juncture

Drag X Axial distance downstream of nozzle exit
AD Incremental drag (due to jet and nozzle)
F Measured thrust
AF Thrust difference tunnel on - tunnel off o Nozzle divergence half angle
Fi Isentropic, fully expanded thrust a8 Boattail angle
1 Length from max. fuselage cross section 5* Boundary layer thickness
L Total fuselage length . Boundary layer displacement thickness
Mo Free stream Mach number Nozzle convergence angle

E.4 Ratio of specific heats

Po Free stream static pressure
Pt Total pressure

92
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INDICES

AB Afterbody g Hoattail (with cyy: boattail pressure drag)
BE Back end (without nozzle) b, ann Annvclar nozzle basz

FB Forebody e Exit

F Fiiring equ Equivalent sxisymmetric body
INT Interference f Friction

N Nozzle i Jet

RF Reference max Maximum fuselage cross section
Ref keference P Pressure

T. off Tunnel off s Sting

afe Aircraft t Throat

b Base (with c_: bass pressure drag) wet Wetted

'

1. INTRODUCTION

Several years ago a trend towards aircraft purely optimized for supersonic flight
came evident. More recently an increasingly wide operational spectrum is required whereby the
high subsonic and transonic flight re - s, with their additional problems, are challenging the
dominant position of this supersonic “:velopment. This alterailion has sprung from new aerodynamic
and design concepte in the ficld of airframe and engine research.

Today it is generally accepted thay engine and airframe manufacturers cannot develop
their products separately and that incompatibilities and reciprocal disturbances must be simulated and
investigated for all conceivable operating conditions. But nevevrtheless frequent setbacks occurred
because either these incompatibilities were not sufficiently taken into account or because hitherto
unknown effects became of decisive importance. This lecturs deals with those interference effects
arising in connection with nozzle/airframe integratior.,, with the emphasis on tke high subgonic flight
regime.

2. JET/AIRFRAME INTERFERENCE EFFECTS

A propulsive jet issuing from an aftertdy has basically two effects on the surrounding
flow field and therefore on the aircraft: firstly the jet acts like a solid body displacing the external flow
secondly it normally entrains mass flow from the external stream. In subsonic flight there may be a
strong upstream influence. The jet contour affects the pressure distribution on the afterbody, large
changes of the afterbody shape are felt by the forebody and the jet as well (upper half of fig. 1). A
typical flow pattern encountered in supersonic flight is also shown (lower half of fig. 1). In contrast to
the subsonic {light conditiorn there is limited upstream influence, since any disturbance can be
propagated upstream only th.ough the subsonic part of the boundary layer. The shock system within
the jet will continue through the jet boundary and may impinge on nearby aircraft surfaces, For
aircraft configurations with two or more jets the mutual intarference becomes even more complex,

Computation methods available today are either not sufficiently exact or fail completsly
to predict the complex afterbody flow field. This is particularly true in subsonic flow incorporating
boundary layer separation. Therefore, aircraft development relizs heavily on wind tunnel tests with
simulated jets. The aim of such tests is to obtain information on critical areas of jet airframe
interference. Depending on the location of the engine in the airplane, these interference effects may
be more pronounced on wing, tails and afterbody. Normally, drag, pitching moment, pressure and
temperature loads are primarily investigated as function of the various jet parameters. The correct
jet simulation requires sophisticated techniques which will be covered in detail in the following lecture
by Mr, Jaarsma.

The interference effects on wing, tail and rear fuselage are shown in the following three
diagrams (ref. 1): Fig. 2 shows the force c~fficient for the tail normal. With high tail position there
is no jet 2ffect present. The low position results in a reduced stability and a change in pitching
moment {or jet on/jet off. High nozzle pressure ratios cause the jet to attach resulting in strong
pressure variations along the boattail associated with local fluctuations which required highly damped
structure for fatigue reasons (fig. 3). Although high-ternperzture material was used for the boattail
surface, significant secondary air flow ratecs had to be provided for cooling purposes., Fig, 4 shows
the jet-induced pressure differences between upper and lower surface., At supersonic flight Mach
numbers all pressure changes occurred on the lower wing surface while a small change was also
noticed on the upper surface during subsonic flight speeds. These jet interferencesa introduced
significant changes in pitching moment, control effectiveness, drag and wing loads.
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3, INTERRELATION OF FOREBODY- AND AFTERBODY FORCES

During the last few years, intensive investigations have been devoted to the important
field of jet intarference on the rear end with emphasis being on thrust-minus-drag optimization. It has
become comm:on practice to separate the forces of the afterbody from those on the forebody in most
test set-ups. Fo. the better understanding of the afterbody drag problem it is useful to recall some
fundamental interrelations between forebody and afterbody with respect to pressure distribution and
forces for the case without jet. Fig. 5 shows, in the left half, bodies of diferent relative thickness in
inviscid flow: though the total axial force is zero the "separating” forces, i.e. the drag on forebody
and afterbody respectively, may attain large values, depending on their relative thickness. When the
pressure at the maximum cross section reaches ambient pressure, which is the case with long slender
Yodies, the separating forces disappear. The right half of fig. 5 shows the influence of viscosity
(boundary layezr) on afterbody pressure distribution. Stronger boattailing reduces the amount of
recompression and thus increases afterbody pressure drag.

Apart from friction the effects of boundary layer are negligible on practical forebodies.
Only for long bodies are the presaure changes on the afterbody not felt on the forebody, from which it
may be concluded that for slender bodies the rear end is the primary source of pressure drag, When
thick fuselages with larger variations in afierbody shape are tested, measurement of afterbody forces
alone yields wrong results. That is, by developing an afteroody of optimum shape one may succeed
only in transferring the problem to the forward end.

4. DEFINITION OF MAIN PARAMETERS

The conventional definition of afterbody geometry and -drag is presented in fig. 6. The
afterbody starts from the maximum cross section and comprises boattail and base, The total afterbody
pressure drag is the sum of cp, 3 and cp . These two drag components are functions of the parameters
as shown in the figure. The number of psrameters gradually increases, going from an axisymmetric
body without jet to a twin jet configuration, Of course, there are still additicnal parameters defining
the exact lines and local pressure- and temperature profiles,up to now considered less important,

5. AFTERBODY DRAG OF AXISYMMETRIC BODIES

In fig. 7 the effect of jet pressure ratio on base- and boattail drag is shown for
axisymmetric bodies with various base sizes and given maximum cross szction, jet diameter, boattail
angle and with a convergent nozzle having a short cylindrical throzi. Depending on base size,
increasing jet pressure ratio has opposite effects on pressure drag: for small base areas, increasing
jet pressure ratio produces a favorable interference in contrast to the large bases. This applies to
base and boattail drag as well: at higher pressure ratios the increasing expansion of the jet zauses the
external and internal stream to meet at a steeper angle resulting in an increase in base- (and boattail-)
pressure. For larger bases this interaction occurs only at very high jet pressure ratios beyond those
shows in the diagram. As long as the axternz| and internal stream do not impinge on each other, the
aspirating effect of both flows on the body is predominant, With jet pressure ratios above 6 and the
smallest base the jet interference resuls in a negative total pressture drag.

Fig. 8 is a cross-plot of the previous diagram at a jet pressure ratio of 3, 0 and shows the eifect of base
size on bace-,boattail- and tota) drag. Although there exists an optimum base size if base drag alone 1s
considered, the total afterhody drag increases steadily with base size. As a consequence, integrating
the nozzle into the rear fuselage,base areas should be avoided for moderate pressure ratios.

6. AIRPLANE DRAG ASSESSMENT

So far, single jet installations have been treated. For twin jet installations irn the rear
fuselage as in modern fighter airplanes, fig. 9, right half, the assessment of drag becomes more
difficult. It is convenient to compare the twin jet configuration with an ideal single jet fuselage of same
maximum cross section and equivalent nozzle size (ref. 2), however, of slender boattail lines in order
to avoid possible flow separation. This reference afterbndy has nearly zero presaure drag and is so
slender that it cannot house an afterburning jet pipe (see fig. 9, left side).

The reference afterbody gains its importance by the fact that it is accessable to
computation and thus allows the proper linking of experimental afterbody drag data with theoretical.y
computed aircraft drag daia. This procedure is depicted in the left half of fig. 10: Number (1) on top
represents the aircraft design, the fuselage of which is transferred intu an equivalent body of same
cross section diatributior, number (2). 1If, however, the aircraft afterbody is relatively short then
number (2) is extended s5 that the computation method need not account for separation. The profile
drag of this body is a function of ° . As-number, Mach nvmber, relative thickness and wetted surface
and can easily be comiputed by st. 1vd methods. Particularly for twin engine installations the wetted
surface may be larger than for the axisymmetric body. To obtain the correct friction drag for the
aircraft, of course, this larger wetted surface has to be used. The lack of reliable afterbody drag
computation methods requires special afterbody tests shown as number (3) and (4): number (3) has the
same afterbody as number (2) and the forebody of the aircraft, however, reduced in length in order o
better simulate the boundary Jayer thickness over the afterbody. Naturally, this is a compromise
between correct simulition of boundary layer thickneus and potential flow fieid. Ideally, the correct
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forebody line should be duplicated with proper boundary layer control. Number (4) has the correct
aircraft afterbody with proper jet simulation and with the same forebody as number (3).

The difference in afterbody plus forebody drag between (4) and (3) yields AcD. whick is
then corrected for the difference in friction drag betweer. the same models. This correctedlc
consists of the incremental pressure drag with the correct jet effect and the change in thrust due to
external flow affecting the jet. To obtain total airplane drag, the corrected Acp is zdded Lesides
other drag terms to the computed profile drag of the axisymmetric body (number (2)).

Whilz the drag assessment method described above is mostly applied during the early
phase of a project when a large number of configurations usually has to be consitiered, a different
method will be applied later in the project definition phase: that method yields airplane drag purely by
testing and is shown on the right half »f fig, 10: number (5) shows the complete aircraft model,
normally mounted by a rear sting via an internal balance. In nearly all cases the afterbody geometry
has to be modified to accomodate the sting, Intake and nozzle flow is generally unreprcsentatively
simulated by ram-air flowing through the ducts. The drag results obtaired from the complete model
must be corrected for the effects of the modified afterbody, the sting and the jet interference. These
corrections may be obtained by conducting tests with afterbody models {6) and (7): model (6) duplicates
the afterbody of the complete model, number (5), and has a dummy sting. Model (7) is identical to
model {4), i.e by comparing it with number (6) the requircd corrections for jet effect, effect of
externz) flow on thrust, effect of sting and modified afterbody geometry are obtained. Adding the other
drag terms in the upper part of the figure yields total airplane drag, which ideally gives the same value
a# obtained by the method described in the left side of the figure (computation plus testing).

An aircrzft manufacturer who is specialized in a few particular types of engine
installations normally has accumulated a large numbez: of typical afterbody drag test data which enables
him to look into many configurations to find the optimum aircraft without any further teeting (fig. 10,
left half). Of course, there are tests to follow later for the purpose of confirmation, increase in
accuracy and more detailed investigation (fig. 10, right half).

7. EXHAUST NOZZLES

An aircrait with supersonic capabilities normally has an afterburning engine. Fig 11
shows typical jet pressure ratios for straight jet- and bypass engines versus flight Mach number, the
straight jets being near the upper limit of the band. Two extreme engine operating conditions are
shown: for cruise in the subsonic flight regime nozzle pressure ratio is low requiring little or no
divergence. For maximum acceleration, i.e. full afterburning, the throat area is increased by a
factor of about two {depending on bypass ratio). The required nozzle divergence increases gradually
with increasing flight speed and reaches a value of Ae/At-: 2,6 at nozzle pressures of 14, Besides
cruise and maximum acceleration all intermediate operating conditions are passible (military, partial
reheat). Thia equires in the ideal case a fully variable nozzle with independent variation of throat
size and divergence. In many practical cases more simple systems with either purely convergent
nozzles or a fixed relation in throat-to.divergence are chosen as a compromise.

On fig. 12 typical nozzle concepts are depicted.
Short convergent nozzle: This concept represents a machanically simple lightweight
nozzle. The major disadvantage from the aerodynamic point of view is the larger base in the closed

position,

Iris-nozzie. With the mechanically more complex iris nozzle annular bases are avoided
in all positions. Aws with the short convergent nozzle, large thrust losses occur at high pressure ratios
since no divergence is provided.

Plug-nozzle. The necessary variation in throat area is accomplished by variation of the
plug position or -geometry. As a consequence, a fixed lightweight shroud can be used, Large cooling
air flows, however, are necessary for reheat operation.

The con-di iris nozzle provides some divergence in the reheat position. The variation
in throat size and in divergence is coupled. Thus the con-di iris is a compromise between the simple

iris and a fully variable con-di noxzle.
The simple ejector is a frequently chosen noczle concept. Primary and secondary f{laps

are mechanically linked. Relatively large secondary airflows are required associated with drag penalties,

Fully vuriable ejector. This design yields near-optimum aerodynamic performance:
throat xrea and divergence are independently variable, the required secondz~y mase flows can be kept
low, Heigh weights and complex design are associated with this nozzle concept.

The isentropic ramp is difficult to adapt to varying operating conditions, which normally
results in undesirable changes in pitching moment,

Blow-in-door ejector. This nozzle concept provides similar good performance as the

ordinary ejector in ths reheat position. In the closed position, large quantities of tertiary air are taken
aboard through spring loaded flaps in order to {ill the large annular base of the short primary nozzle.
Large quantities of air, however, require careful handling in order to avoid losses in the sharp turnings
of the secondary and tertiary flow passages. Especially this nozzie represents a highly integrated
concept with respect to merging of internal and external flows. Feripheral aon-uniformities (blockage)
of the external flow may cause unfavorable interferencee, which is particularly true with closely spaced

twin jet installations.
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8. AFTERBODY DRAG TEST RIGS

Inflight performance of the different nozzle concepts need to be tested in the surrounding
flow field, which requires duplicating the aircraft lines at least to some extent. In the past, various
afterbody drag test rigs have been developed by dificrent groups. In fig. 13 some of these facilities are
shown, The test rigs A, B, C and D measure thrust-minus-drag. Only with syvtern A the drag of ths
forebody and strut is also on the balance. As may be seen from the equations on fig. 9 drag is obtained
by subtracting the static gross thrust from the thrust-minus-drag tevm. In addition to the thrust-
minus-drag measurement, system E determines the drug of the afterbody shell separately. Nozzle
drag i3 included in the thrust-minus-drag term. System F measures forebody and afterbody drag
separataly in order w resolve possibie changes of forebody drag caused by larger changes in afterbody
geometry. So far, thrust is not measured but envisaged for a iater development phase.

9. MAGNITUDE OF AFTERBODY DRAG

Fig. 14 shows the large number of models tested within a period of five years in order to
develop the optimum afterbody for a twin-jet fighter aircraft. Most of these tests relate to a joint
US/FRG program conducted in close cooperation batween Messerschmitt-Bélkow-Blohin (MBB) and
Boeing, Later some of the tested models were transferred to Pratt & Whitney and General Electric for
comparative tests in the wind tunnel facilities in Hart{ord and San Diego respectively. Similar
development work was done for different projects by others. Presented is the total airplane drag
divided by the drag of the total airplane with an idea! afterbody. The ideal afterbody here again is that
described in fig., 9 and 10. The worst afterbody tested in the varioue test series had an additional drag
as high as 45 % of the total airplane drag. Nearly all of the models were twin jet installations. Large
reductions of this additional drag are possible, the best coming very closc to the ideal. Although soon
after the early test series it became evident how a low-.drag installation should basically look like,
nevertheless in later test series configurations with high drag levels were tested. This was necessary
in order to optimize zn afterbody not only from the aerodynamic point of view but also from other
considerations like weight, length, etc. These tests were conducted in different test facilities as shown
in the previous figure. In some of the test facilities identical models were tested, yielding the same
trends. The quintessential features of the experience obtained from the large number of investigations
for optimum nozzle-airframe integration wili be presented in the following diagrams.

10. AFTERBODY DRAG TEST RESULTS

10. 1 Investigated Geometric Parameters

Out of the many tcst series those parameters which had the greatest influence on after-
body drag are listed in fig. 15.

o Nozzle types: the various nozzle concepts are explained in fig. 12 and 16,

o Boattail angle: the boattail angle representing the most critical parameter regarding flow separation
was varicd from 10° to 20°,

o Base area: size and relative axial location of bases were investigated together with various nozzie
concepts.

o Nozzle spacing: nozzle spacing was varied from'extra narrow''to'extra wide" corresponding to
values of s/dgy from zero(double-D) to 4, 7.

o Interfairing length: especially for narrow engine spacings, flow separation (effective bases) cannot
be avoided except by extending fuselage portions by various am_unts downstreamn of the nozzle exit
plane.

o Excrescences: when integrating the nozzle into the rear of the fuselage in practice many concessions
from the aervodynamic side have to be made for installations like tailplane actuator, thrust reverser,
levers etc, Those "excrescences" can be very detrimental in a flow field liable to separation,

Fig. 16 shows details of some noxzle- and fairing types on the models ag tested in ths wind tunnel.
Starting from the simple short convergent nozzle, complexity gradually increases when proceeding to
the complicated D-shape nozzle with its minimun: engine spacing. Ou. the right half of the figure the
reduction of base areas by various types of interfairings is given.

10. 2 Effect of Nozzle Type

The same nozzle concepts, in some cases even identical models, have been tested in four
different test facilities (fig. 17, veheat-off). Fairly good agreement has been achieved for the shert
convergent nozzle. The incremental afterbody drag is zbout AcD.o, 04 which is explained by the large
annular bases. In contrast, the blow-in-door ejector gives a larger scatter in drag. The lowest value
corresponds to an idealized blow-in-door ejector with a low-drag primary nozzle and with minimum
blockage in the tertiary flow passages. The following nozzle concepts have lower drag levels. Two
drag lexell are given for the iris nozzle, the loveer value corresponding to a low hoattail angle of less
than 15°. The higher levels were obrained for larger boattail angles. A similar influence of boattail
angle was experienced for the fully variable ejector.
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It should be noted that some scatter is to be expected due to the fact that different wind
tunnels with entirely different test rigs were used, Alsn, not always the same reference model ssrved
as a uwatum.

10. 3 Effect of Boattail Angle

In fig. 18 the incremental drag over the drag of the single jet reference model is shown
as function uf boattail angle for a twin engine installation. The presence of the interfairing reduces
drag by a larger amount than by reducing the boattail angle from 20° to 10°, Optimum boattail angles
lie between 10° and 12°. Still lower boattail angles would result in an increase of drag due to greater
friction. The interfairing was of the type FG-3 described in chapter 10, 6,

10, 4 Effect of Base Area

In the wind tunncl test the iargest changes in drag occurred for the variation in base size
(fig. 19). Geometric bases located upstream of the nozzle exit plane normally introduce flow separation,
i.e. additional effective bases on adjacent surfaces, resulting in very high incremental drag levels of
about 45 % of tntal airplane drag. The beet configuration shown on the bottom of this figure has a long
interfairing extending downstrcam of the nozzle exit plane. The additional afterbody drag iw only about
4 % of the airplane total drag. Still lower values of about 2 % were achieved with a more slender
boattail of 10° to 12° (gee fig. 18), which represents the optimum configuration from drag point of view.
This optimum shape was found after the completion of only two test series, This quick approach is
largely attributed to the comparative method of the idealized single jet reference model. The certainty
ol being close to the physical optimum was given by the fact that the measured drag of the reference
model was practically equal to the computed friction drag. Also, no configuration in any later test
experienced lower drag than the reference model. The wetted surfaces of the models were comparable,
i.e. equal or slightly bigger than that of the reference model

10, 5 Effect of Engine Spacing

Engine spacing is one of the key parameters which define the lay-out of a new aircraft,
Once a value is selected, the basic shape of the fuselage can be changed only within limits. Thorough
knowledge of the associated interference effects is therefore required at an early state. In reference
3 these interference effects have been studied for various engine spacings with a newly defined interference
drag (fig. 20): This interference drag is the sum of
a) change in boattail pressure dragAD due to preience of nozzle and jet
relative to a reference end cap
b) nozzle drag Dy
c) change in engine gross thrust AF due to the presence of the external
flow fields.
The carpet in fig. 20 shows this interference effect for various nozzle concepts and fuselage types.
F-1, F-2 and F-3 have the same engine spacing but decreasing peripheral blockage (tail booms).
Fuselages I'-3, F-4 and F-5 had zero peripheral blockage but increasing engine spacing. The carpet
plot shows that the interference drag becomes smaller with increasing engine spacing (F-3 to F-5).
Considering interference drag Dyyt by itself could lead to the wrong conclusion that the widest engine
spacing (F-5) yields the optimum fuselage from performance point of view., An optimum drag
configuration of course is obtained by minimizing totai drag {(Dpg + DINT).

Taking the values {rom the carpet and adding *hz backend drag Dpp the next diagram
(fig. 21) is obtained. In addition, similar engine spacing tests, conducted by Boeing for MBB in the Boeing
test facilities, have been added in the lower part of the figure (ref. 4 and 5). In this type of diagram the
minimum drag is shown for engine spacings as close as about l/de = 2.5. For smaller engine spacings
MBB tests show a steady drag rise down to an engine spacing of 1,5. F.r still smaller spacings the
drag levels off to a value of about 0, 0! at zero angine spacing. The dotted lines for \hese extremely
narrow spacings indicate that jet pipes and the iris nozzles are squeezed together, to form the donble-D
concept for zero spacing.

In these Grumman tests no results are given for engine spacings lower than atout 2, 7.
For higher engine espacings both, MBB and Grumman tests show a clear drag rise, In the Grumman
tests the maximum fuselage cross section had to be increased when engine spacing was increased.
Refarring the drag to the actual maximum cross section yields the dotted lines. For optimization
purposes, however, drag should rather be referred to the same reference area (solid lines). Here,
in contrast to the MBB tests, forebody drag was not measured. Depending on relative thickness, this
drag is different (see also fig. 5). Taking this effect into account the drag data for engine spacings of
4,7 should be slightly reduced.

10. 6 Effect of Interfairing

Aa discussed already in chapter 10, 4 large bases cause high drag levels. The interfairing
represents a proper means to avoid such base drags. Fig. 22 shows thess reductions for two different
engine spacings (ref. 4 and 5). FG-1 had a base upstream of the nozzle exit of constant length 1. With

FG-2 the base was always located in the nozzle exit plane (I = 1, ). FG-3 and FG-4 were protruding
downstream of the nozzle exit plane. With decreasing boattail angle 8 the length of these fairings (If)
increases more quickly than the length of the afterbody (1, g). The diagram for an engine spacing of 2. 69
gives the minimum drag with a relatively long interfairing of 1p/lppg = 1, 2.
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In reforence 3 the effect of interfairing was investigatad in a slightly different way (fig. 23):
Here, base areas were kept constant for various fairing lengths. This diagram shows again that base
areas should be avoides or at least not be located upstream of the nozzle exit plare.

10.7 Comparison Tr n.onic/Superaonic

In orde. to Lompare transonic with suparsenic afterbody drag in fig. 24, the results are
presented as AcF, whict. is roughly the incremental drag referred to ideal gross thrust, While in the
trangonic »agime all models of one test series had A cp-values within the wide band, in the suparsonic
range the game models had much lower drag levels with a A cp below 0,03, This is explained by th2
fact that the nozzles here were in the maximum reheat position: the ideal gross thruat is considerably
kigher and the projected areas of boattail and base are reduced due to the large: exit diameter of the
matched convergent/divergent nozzles. The only model with = simple convergent nozzle ("conv. cusp")
experienced a higher AcF. This is explaired by the relatively high thrust losses of the convergent
nozzle at high jet pressure ratios (= 10,0 at My, = 1,9). Subtracting those losses from the Acyp of the
"conv, cusp" yields a negative value, which will be explained as post exit thrust in the next two figures.

10, 8 Post Exit Thrust

If a jet cannot fully expand inside a nozzle, it docs so immediately downstream of the
nozzle exit plane. Thereby the outer flow field is displaced which in turn causes the pressu.es on the
outer surface to rise, Increasing jet pressure ratios cause the terminal shock to move forward with a
separated region downstream, Thus, the boattail pressure drag is reduced. Fig. 25 illustrates this
interference effect in a supersonic stream for a conical afterbody having a 5,6 cone half angle and a
convergent nozzle: the higher the jet pressure ratio the higher the pressure coefficients on the boattail.
This effect sometimes is referred to as '"post exit thrust" indicating that some of the '"lost'! pressure
energy is regained by the reduction in arterbody drag (ref. 6).

At supersonic flight speeds the jet pressure ratio of a turbo engine normally is high
enough to require a convergent/divergent nozzle. If, however, subsonic cruise is the most important
mission, the question arises whether or not the weight and complexity of a convergent/divergent nozzle
is justified, Fig. 26 tries to answer this question for the aerodynamic side and in principle only (%=1, 4),
using the data from reference 6: the upper bar gives the afterbody drag of a convergent nozzle with a
small base and the jet off, The second bar showe the reduction in afterbody drag due to the presence of
a highly underexpanded jet ("jet effect", jet pressure ratio = 10): the boattail drag i» redvced and the
base drag becomes base thrust. The thrust loss due to the undere:panded jet, however, ic quite large
and amounts to about 7 % of the ideal gross thrust. The lowest bar gives the performance of the matched
convergent/divergent nozzle with zero base: the base drag and the thrust losses, of course, are zero.
Here, the boattail drag is somewhat higher than for the convergent nozzle with the underexpanded jet
(middle bar). Comparing the middle and the lowest bar, gives the net difference in propulsive force
divided by gross thrust, i.e. about 6,7 %. Regarding aerodynamic aspects only, the conclusions to be
drawn from the above statements are that for optimum supersonic parformance a (near) fully expanded
nozzle is required since the gain in afterboay drag reduction cannot make up for the thrust losses of an
underexpanded nozzle. In this comparison different base sizes were chosen: zero base for the con-di
nozzle and a small base with a ratio dp/d, = 1,25 for the convergent nozzle. This is the optimum
geometry for sach nozzle type according to reference 6.

11, VARIABLE GEOMETRY

As ghown above, a twin jet afterbody requires amall boattail angles and slender inter-
fairings between the nozzles. Depznding on engine spacing these fairings may have to extend downstream
of the nozzle exit plans, For the optimum engine spacings of about 2, 5 these extensions are as long as
about two nozzle diameters (reheat off). In fig. 27 such a fairing is shown in combination with iris nozzles
in the reheat off and maximum reheat position. In the rehect condition parts of the interfairing have to
be retracted or folded away to give room for the thicker jet, The diagram shows one of the many
layonts investigated for such a folding mechanism. The temperature and pressure loads of course are
the particular problems with such a part of airframe structure.

12. DRAG/WEIGHT TRADE-OFF

Sor far only aerodynamic drag of the afterbody optimization was considered. A complete
trade-off study, however, requires taking into account a great number of additional aspects lilke weight,
complexity, development risk, reliability, infrared suppression, acoustics etc. To a great extent the
main missions of the aircraft determine how strongly these parameters are to be weighted. For short
range missions and high energy manoeuvrability requirements, reduction in structural weight is more
important than reduction in drag, For long range missions, however, drag usually is the most
important parameter. Fig. 28 shows how changes in nozzle weight and changes in drag affect total
airplane weight. A weight growth factor of 3,1 has been used for this diagram. As an example two
nozzle concepts are compared: although noxzle B is about (0,5 + 0, 1) % heavier than nozzle A, the
overall airplane weight is about 1,5 % reduced, due to the lover drag of nozzle B. The carpet diagram
is, of course, just an example and may be largely differunt for other missions or other aircraft.
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Test results presented in this lecture were obtained from facilities in which the correct

simulation of jet temperature, potential flow field and external boundary lzyer had to be compromiaed,
Further development of afterbody teat rigs should try to aliminate these shortcomings.

It has been shown that airplanc drag can be considerably reduced by providing an after-

body of optimum shape,
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: EXPERIMENTAL DETERMINATION OF NOZZLE CHARACTERISTICS AND NOZZLE AIRFRAME INTERFERENCE

by
P, Juarsma X
Nationa® Aerospace Labora‘(ry NLR
Sloterweg 145--Amaterdam (17)
The Netherlands

SUMMARY

First an outline ip given under which ocircumstances certain jet flow and noxgle parameters J
should be simulated in the wind tunnel for both ingtalled thrust and drag determination. The ciroumstmuces ¢
relate to the flight regimes, nozzle types end engine installation configurations (iutegreced or podded). g
Next the technical requirements for the wind tunnel and the model are given and the diffioulties in ful-
filling these requirements are discussed. The techniquss and schemes ac used by the vsirious groups in the
AGARD countries is reviewed and a discussion is made how these techniques mest the requirements. Some
srecial attention ig given to miniature turbo engine simulators.
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LIST OF SYMBOLS

a speed of sound

A {s) area

specific heat at constant pressure
specafis heat at consiant volume
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area coefficient

discharge coefficients
drag coefficient

1ift coefficient

pitching moment coefficient

pressure coefficioent
thrust coefficient
veloocity coefficient
drag or diameter
diameter

measured, actual thrust
net thrust !
throat radius

length

mass flow

Mach number

;et mixing ratio (mass)

pressure

radius 4
gas constant
Reynolds number 1
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entropy of species i
temperature
velocirty

axial coordinate ]

H R < =3

[

mole fraction of species i
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1deal, isentropic thrust

radial ccordinate

v eeeeaa

angle of incidence

engie of yaw or boattail angle

ratio of specific heats, isentropio axponent
boundary iayer thickness

density

tangential coordinate
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1, INTRODUCTION

Once the airframe manufacturer has chosen an engine Yor his aircraft design he is in fact free
to choose the nozzle system best suitable for the required mission. He can make a choice between ejector
nozzles, variable flap ejector nozzles, blow-in-door ejector nozzles, iris nozzles, plug nozzles, short
convergent nozzles or two dimensional variable throat nozzles. In this lecoture no emphasis will be given
to the relative performence and sho:rt comings of varicus nozzle designs and installations under certain
conditions., These aspects will be treated in che lecture by Mr. Aulehla. Heca the attention will be foous--
e” on the methods used to predict the nozzle performance from wind tunnel measurements and the methods
used to determine jet interference effects at transonic and supersonic speeds. This review will closely
follow the information that has been gethered from a recenv AGARD ad-hoc study and is reported in refer-
ence 1. Swmmaries of this gtudy ace given in references 2 - 4.

As indicated in figure 1 the complete or aeroforce model teuts ars completed by a special
afterbody snd jet interference tests in the wind tunnel as is done with special inlet models. If optimum
nozzle-afterbody matching is not achieved a considerable penalty on aircraft performance may resulg, as
has been the case in many inctances in the past. The actual afterbody drag, may be as large as 20 “/o to
40 °/o of the complete aircraft ¢rag (Ref. 5). Therefore most attention of afterbody-nozzle testis
particularly at transonic speeds concerns the nozzle gross thrust minuc the nogzzle and afterbody drag. The
flight conditicns to which the aircraft can be subjected to and which should be tesved transonically are
(a) cruise, (b) transonic acceleration, (c¢) transenic deceleration, and (d) high~g manosuvre. These
conditions yield various values to the nozzle area ratio, temperature ratio and pressure ratio., Fagure 2
gives typical exhaust conditions at transonic speeds; other engines give different envelopes.

At gupersonic speeds the drag penalties are ususlly less, but at supersonic cruise conditions
the overall aircraft drag is very critical for flight economic reasons hence yielding a strong require-
mant for accurate drag assassment.

As indicated before a large variety of nozzle systems exists now-a-days, each having its
purticular features, Figure 3 gives a survey of various designs, since in thic lecture reference will bLe
made many times to a particular nozzle system. The fixed convergent nogzzle is used with airplanes for sud-
gonic flight, only without thrust augwentation by afterburning, such as with civil transports. Early jet
fighter airorafi{ placed heavy emphasis on ejector nozzles. Turbojeis needed a flow of secondary cooling
air whick could be obtained from the ejector action of the primary jet. This is still true for turbojet
ongines for supersonic transports. A later development was the introduction of extra tertiary air intakes
at the nozzle location. These blow~in-door ejector nozzle gave performance gainea at transonic flight.
The introduction of the fan and bypass engines made the nozcle design easier with respect to cooling
since sufficient cooling air fron the fan at the same pressure ratio as the turbine flow, came available
which can be ducted to the nozzle, msking the other nozz'e designs possible. Howaver for optimum use, the
fan engines ask for larger nozzle area variations with afterburring. Hence, in the past literatare most
attention was paid to the ejector nozzie installation requiring secondary flows, whereas in the recent
literature more experimerts are descrited concerning the other nozzle systems, particularly the iris and
plug nozzles. Further information on nozzles can be found in references 5 — 8 for example,

In this lecture the jet parameters will te briefly described and it will be indicated as far
as possible when these narameters gshould be simulated in the wind tunnel, FTurther the various testing
schemes and tuchniques as used will be described both for the trrust-drag assessment and other jet inter-
ference problemns,

In reference 1 an extensive bibliography on jet interference testing is given. That biblio-
graphy follows a convenient nozzle parameter code and may therefor be of assistance in establishing wind
tunnel prograus for the various speed regimes.

2. ACCURACY

The required accuracy of determination of the thrust should be compatible with the accuracy
of mensurement of the drag (i.e. the net thrust) of the basic airframe, Hence, the accuracy required for
the gross thrust measurement depends cn the ratio of the net to grc 3 thrust, which in general will be a
function of the engine bypass ratio. The following set of values can be regarded as typical as obtainable
from wind tunnel tests.

Subsonic transport Fighters Supersonic transport
Cruise CD 0,023 0,030 0,018
Overall accuracy of cruise drag * + 0,0001 + 0,0003 + 0,0005
o/o " (LI ] " " + 0'45 + 1'0 + 0'3
Average ne: th:'_uh{%ﬁ 3 25 2)5
Required °/o gross thrust accuracy £ 0,15 + 0,4 + 0,12

This survey shows that overall accuracy of better than + 1/2 °/o of the cruise or critical
transonic gross thrust value is desired. Achievable accuracy is difficult to assess because overall
accuracy includes the combination of many instruments such as force balanses, pressure transducers,
thermocouples and mass flow meters, in additicn to wind tunnel speed and model attitude indicators. Each
model test apparatus presents individual problems in sizing, resiricted internal space, pressure tares,
metric break seal restraiant, thermal e pansion, clearances and other items wnich make any general state-
ment on achiuvable accvracy impossible,

3. JET SINULATION REQUIREMENTS

Before initiating nozzle and afterbody tests with or without jet simuletion in the wind
tunnel, questions must be answered first concerning the variables involved related the nozzle conditions.
Tabel 1 gives 2 review of these variables and their possible values or features., After the latter have
been established the next step is to define which jet and nozzle parameters should be simulated in the

n Drag values of components can be obtained more acourate.
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wind tunnel experiments. Usu.lly a compromise im found between what is desirudle and what is feasidle in
practice, From this part on the wind tunnel model can be designed basad on local possibilities, on past
experimce and on costs.

3.1, MODEL CONFIQURATION

The degree of necessary external flow simulation and the airoraft oonfiguration involved
strongly determine the madel oonfiguraticn and modeli support system.

Algo the degres of expected mutual interference has an influsnce on the model configuration
to be chosen, (does the external flow affect tho rorzle voefficients and/or does the jet iafluence the
external flow?). Usually the answer for choosing the model configuration involves three possibilities.
The Lirst possidbility is to simulate the external flow field as good as possible by testing the after—
body and nozzle together with the complete aircraft representation for which the inlet is usually
completely faired and for whioh the model support system causes little interference at the exhaust, The
second possidbility is to simulate only the afterbody geomeiry and determine from the relative differences
the nozzle-afterbody performance. The latter test procedure is usually applied to determine nozzle-after—
body; performances regardless of airorafi fore-body shape. It is performed in an early stage of aircraft
davelopment in crder to obtain an early estimate of the nozzle-afterbody performance. The complete model
nozrle test is usually accomplished for final checks. The third possibility is to test only the nozzle in
an axisynmetric afterbody without tail planes and other (inter ) fairings. This method is usually refsrred
to an isolated nozzle teat.It gives rather ideal performance. ‘this testing is performed to establish the
nozzle performance under ideal external flow conditions.

Table II gives the advantages and disadvantageu of both test procedures. Figure 4 shows a
typical igolated nozzle test rig for subsonic Mach numbers as it is used in the U.K. If the inlets and
exhausts are far removed from the aircraft centreline, for example for podded underwin, installations, it
is also possible to use the halfmodel reflection plane technique, This tecnnique is only allowed if no
refiection plate boundary leyar — jet interference are expected. Figure 5 is such a set-up as it is used
in France for exhaust teating of the Concorde. Reference 9 gives a review of the various model support
systems and the accompaning techniques.

Table 1 VARIABLES RELATED TO EXHAUSTS OF JET AIRCRAFT MOIELS
Parameter Pogaible value or feature

Configuration Nunber of nozzies single, dual, multiple
Spacing of nozzles narrow, wide
Mounting podded, integrated in fuselage

Nogzle type area ratio

Conv,Condi,Plug,BIIE,E jector, Iris
Geometry of afterbody

axisymmetiric,non-axisymmetric,tail planes

Pirection of jet parallel with main flow,acute
angle,
Exisrnal flow Mach number subsonic, transonic, supersonic, hyper-
sonic
Charactexristic Reynolds number ) laminar, turbulent
boundary layer at exhaust ) thickness
Flow field at exhaust basically attached, basically separated.
Angles of incidences and yaw.
Jet flow #ean pressure ratio over expanded, optimum, under expanded
Mean teamperature ratio ; dry, sfterburning
ratio of specific heats
Number of nozzle sireans primary, primary+secondary, primary +
secondary + tertiary
Total pressurs distortion negligible, important
Total temperature distortions nsgligible, important
Swirl negligible, important
Turbulence negligible, important

3.2, EXTERNAL FLOW FIELD

The primary flow field parameter, the undisturbed Mach number is duplicated in all wind
turnel tests. The local flow field close to the nozvle is however generally highly three dimensional as
may be seen in figure 6. This loval inviscid field might be disturbed by the model support system and
hence the results of the tests might be misinterpreted.

The viscous flow field is however of greatest concern for the wind tunnel experimenialist,
because the exhausts always operate within the relatively thick boundary layer of the forebody or inlet.
The nozzle tests in the wind tunnel are performed at reduced scale and hence at reduced Reynolds number.
The degree of sozling depends on the available tunnel and testing rigs am well as on the degree of extern-
al flow field simulation, Complete external flow field simulation requires small scales, whereas large
scales can be obtained with isclated afterbody tests. Boundary thickness reduction at the nozrle station
towards fiight conditions can be obtained in the wind tunnel by shortening the forebody, hence losing
inviscid flov field simulation. The effect of the approaching boundsry layer on the afterbody performance
is however ve:y lavge. The important mon-dimensional parameters is :-: toundary layer thickness (b)
relative to a reference notzle radius (rn) (or diameter). The inorease of 5/r_, as is the case for test-
ing a complete model #t reduced Reynolds number, implies that the nozele is ilmersed in a larger boundary
layer field, making the viscous effects larger. An oxample of how this parameter affects the total after-
body and norgle drag is shown in figure 7 for two nozzle systens (Ref. 10). It is seen that the effsct of
the boundary layer depends largely on the nozzle type.

Apart from the afterbody drag, the norzle gross thrust coefficient can be also sensitive to
tke external flow. Figure 8 gives some nozeles which are basically sonsitive to external flow ard which
nogzles are basically immune to the external conditions. The sensitivety is generally due to altering
sonic line shapes, due to wave reflections and due to altered ejector characterietics. The internal flow
field of a oondi nogeis is very immune to the external conditions.
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Table II ADVANTAGES AND DISADVANTAGES OF ISOLATED AND COMPLETE MODEL TESTS

ISOLATED TESTS
Advantages

~For a given aize tesi facility, isolated nozzle
tests permit larger scale models to be used with
correspoudingly higher Reynold's numbers.

~Due to a possible reduced length of the forebody,
the relative external boundary layer thickness at
the nozzle can be prcperly scaled with respect <o
full scale,

- Higher degree of accuracy as complete model nozzle
tests.

- Larger models make the design sasier and allow

more instrumentation (prassures) to be included and

COMPLETE MODEl TESTS

-Complete model tests provids better external flow

simulation and provide a more exuct duplication of
the nozzle environment that will exist on the

full soale airplane (generally exoept for boundsry
layer thickness).

-Complate model tests are the only means of pre~

dioting installed nozzle parformance since mutual
airframe-nozzle interference exists and forebody-

wing influsnces on the afterbody-nozzle configurat-

ion are simu)ated.
-Installation of the isolated nozzle in an airframe

secondary airflow systems are more easily accomodated. may produce either favourablie or unfavourable

- More exact detailing of the nozzle shaping is
possidble, i.e., roughness of variable geometry
leaves and joints can be simulated and nozzle base
thickness can be scaled.

- Isolated nozzle tesis are better for basic invest-
igations, e.g,, effect of jet temperature ratio,
spscifio heat ratio, internal flow distortions.

- Isolated nozzle investigations are a necessary step

in the development of new exhaust system concepts.

- Parametric studies oan be conduocted at less cost on

external geometric variables, internal performance
and initial thrust reverser and noise suppressor
designs.

- The isolated nozzle tesit apparatus may be used by

engine manufacturers to provide the baseline for the

nozzle "uninstalled performance" presented in his
engine performance deck.

- The pressure and force data obtained from isolated
data can be used to substantiate or improve
theoretical and empirical caloulation methods.

Dissdvantages

- A oylindrical approach section to the nogzgzle (near
fres stream flow conditions) which hardly ever
ocours in praatice.

~ Airframe installation effecis can be very large so
that a redesign of the nozzle may be required to
obtsin the desired installed performance.

- Because of the wide variety of nozzle locations
possible in an aircraft design, mutual nczzle-air-

frame interactions cannot be predicted from isolat-

od nozele tests.
= In zany large wind tunnel facilities, it is

difficult to obtain the true isolated performance of

the nozsle since the modsl requires support
structure and ducting to supply the exhaust gas.

effects depending on the type of nozzle and the
flight spsed. Results such as these urs strongly
dependent on the overall airoraft design.

-Complete mcde! investigutions of generalized
research configurations with exhaust and slip-
strean simulation permit evaluation of effects on
aircraft asrodynamics anu installed nozele
parformance such as exhaust norgle axisl and
lateral looation, effect of afterbody angle to
nozzle, engins interfairing shape, and effects of
eupANNAge on nozzle performance.,

~The additional effeot cf ths exhaust plumes on
uontrol surface effectivsness and loading can be
determined.

-Plume interference on adjacent surfaces may be
evaluated including both preasure and temperature
inorements if hot jet exhasusts are exployed.

~Flow visusligation studies (e.g., shadowgrsph or
schlieren methods) can be conduoted on the
complete model to aid in the analysis of results.

~For a given size facility the complete model
nozzle size will be much smaller than the isola‘-
ed nozzle, -aking detailed scaling more difficult
(lower Reynolds number etc.). .

-Complete models generally require more instrument-
ation, including perhzaps more than one strain
gauge balence, preasure instrumentation on the
afterbody and other portions as vell as the
nozzle, requiring careful design to provids the
propulsion simulation without interference of the
measuring instruments of the metrio saction
(foulinzg .

~-Space requirements in a complete model maks the
similation of secondary and tertiarv flows in the
nozzle or base regions wore d.ffioult.

-Model size is limited by the test section avail~
able length and cross section at the most critic-
al Mach operating condition and aleo by the
propulsion system flow capacity.

-Support system interference must be ovaluated for
the complete model in order mot to invalidate all
of portions of the results (Effect at all Mach
numbers).

For afterbodies only,reference 11 indicates alsc a large external boundary layer atfect.
Figurs Sashows the boattail prresure drag reduction with increasing boundary layer thickness. It is
stated that the thicker boundary layer appeared to effectively rourd the boattail corner, thus reducing
drag. However, if the flow is soparated an inoreased Reynolds number (hence reduced boundary layer
thickness) reduces drag; figure Ob from reference li. It is thersfor necassary to determine the detailed
flow field causing drag before conolusions can be drawn how Reynolds number {or boundary layer thickness)

will affeot the afterbody drag.

The importancs of correct externnl flow field simulation is clearly illustrated in reference
12, Figure 10 is an example of this work for an variable ejector noszle, A comparison is mede between
isolated nosszle tests, half-model refleotion plane testing and oomplets model testing. From these
results it is indioated that nozzle installation will inorease the afierbody and external nos:cle drag.
The same conclusions are drawn for blow-in~door ejector nossles and for thewe nossles in supersonic

sxtsrnal Nach nuabers.

In conclusion in general » oompromise wust be made regarding model configuration and support
oonsidering inviscid flow field simlation \complete or partial modsl) and visoous flow fis.d simulation

(relative boundary layer thiokness, reduced forebody, boundary layer blowing or suction). No rules can be

given for optimum modal design. Each airc.alt configuration requires its own consideration.
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3.3. JET FLOW

As has been indivestly indicated in the former section in the wind tunnel tests two items
must bs considered, namely the change in afterbody drag due to jet effects and the changs in noszzle
thrust and discharge coefficients due to installation in airframe. This section considers the influence
of the jet flow parameters on the afterbody drag and nozzle characterisiics.

The jet flow parameters of a turbojet or turbofan angine are shcwn in table I, From the
fluid dynamical point of view the jets should be rully simulated.

From the practical wind tunnel point of view the jets should be sirulated as simple 2s
posaible. Laws of fluid dynamics quite precissly define the scaling rules and the necessary conditions
for similitude. Reference 13 gives an excellent review of the scaling rules for inviscid flows, However,
the problem :3 to determine the oconsequences when some of the conditions are violated. Furthermore
little is knom about the gimilarity laws for the mixing phenomena betwesn the jet and the main stream
se it effects the flow at the exhaust.

INTERNA] THRUST COEFFICIENT

The static thrust coefficient of a particular nozzle depends primarily on the nozzle
pressure ratio and on ratio of specific heats as well as on the total temperature and total pressure
distortion upstream of the nozzle. In the case of a conical nozzle C, depends also on the jet boundary
contour Just downstream of the nozzle edgn. As is seen ir figure 3, Conical convergent liozzles ara
frequently used requiring proper simulation of mixing at the downstream boundary between the jet and the
external flow in case of a simple convergent norzle, and between the primary jet and secondary flow in
case of ejector norzles. However litt'e is known about the actual influence of mixing downstream of a
convergent (primary) nozzle on the nozzle thrust and discharge coefficients; more analytical and ex-
perimental work is needed how scaling laws should be applied. The rate of mixing depends on the ratio of
the mass density flows (pv) on both gides of the mixing boundary and oa the initial upstream turbulence.
In the case of ejector nozzles thie means also that the secondary mass flow must be simulated. This
simulation is hard to achiave for blow-in-door ejectors since the secondary mass flow depends pri~arily
on the outer boundary layer and flow fisld conditions as is seen in the previous section. To & lesser
extent this can algo be said for plug nozzles.

In present wind tunnel nozzle test rigs the internal flow distortions and turbulence are not
simulated. It is noticed in figure 11 that the total pressure distortions play an impurtant role in the
3 location of the sonic line and hence in the discharge coefficient and pressure distribution on the
internal nozele surface. How much the extsrnal flow field will influence the location of the sonic lines
when it ig already disturbed by internal flow field distortions is ty now unknown. Hence, more informat-
ion is needed on when (at which nozzle types and installations) these distortione can be omitted in the
nozzle performance assessment in wind tunnels, when analytical or experimental corractions can be used
(and how) and when these distortion should be simulated in the wind tunnel. Information is needed on the
applicability of spesific sealing laws,

For nozzles with internal supersonic expansion the ratio of specific heats has an influence
on the sharacteristic lines, which means, for example, that for an ejector nczzle the initial inclinat-
ion augle of the primary jet is different if piis not simulated. (See for example Ref. 13 and 14). The
primary jet ccntcur can be simulaied oy adjuntfng the nozgle pressure ratio, resvlting in an incorrect
similation of jet momentum. Therefore p. should be simulated as close as possible. If this condition
can not te satisfied the nozzle for the'wind tuane! model should be designed in a simrlar manner as the
real nozele has been designed. Howevar, in that casc off-design conditions will yield diffioculties
regarding interpretation of the results.

EXTERNAL NOZZLE DRAG, BASE DRAG, BOAT-TAIL DRAG

Basides the externnl flow field parameters, as discussed in the previous ssction, thase drag :
terms are also denendent upon “ne jet properties. If the outer flow separates, as it often does near the ;
nozgle exit, the ceparation point and pressure lavel in ths separated region is fully determined by the i
viscous interaction between the jet and the ambient flow and hence on the jet boundary (shupe) and
mixing process (see Fig. 12). The inviscid jei shape is fully deiermined by the nozzle pressure ratic

p;/poc 7 and Mach number at the exit M.. The jet shape (initisl inclination angle) is approximately
congtant for convergent nozzies if p’/pw )1 '.J = constant. This ralation 1s given in figure 13, for
Mj = 1 which ehows, that n?/pcc must be appr. 10 °/o higher if a jet with }'J + 1,3} is simulated with
cold air (¥ = 1,4). (If the n.p.r. is less, the corractions becoms relativaly smaller). The base
pressure or the pressure in the separated region is a function among others of the jet momentum. This
quantity is deterained by the nozzle pressure ratio and r‘.j also. Two limiting cases can bs considered;
jot momentum per unit area at the exit and jet momentun per unii area slong the boundary (fully expand-
ed). The first yields (p;/pm) Py constant, the second casze gives "‘ioundu‘y"\ is constant. Beth
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criteria are shown in figure 12 also. It is concluded from this figure that correction in p?/'pw for
correct momentum simulatiion is opposite from correct jet shape sirmlation if rjnodel / "jturbo-,)et‘ Few
experiments are known which verify a base pressurs dependencs on rj. Hewever figure 14 (from Ref. 13)
given a clear indication of the influence ";) on the base pressure of a sonic jet exhausting in a super-
sonic flow. The predicted base preasure at ) i® 1,3 from the experimental results from r’ - 1.4 im
entirely ccmputed on the basis of simiiar jut boundary inclin.tion angles {see Ref. 14)., Comparisen
with figure 13 shows that in thia case jet contour simulation, henne adjusting the notzezle pressure ratio

along the solid line of figure 13, yiclds the bast results.

The mixing process along the jet boundary is determined by the jet proparties at the boundary
ana by the external boundary layer characteristics at the nozele exit, The jet properties depend on the
nozele used, particularly on the cooling system snd the secondary eir fl ¢ . if present gPig. 122‘. If i
snooth uniform jet flovs are assumed, the mixing parameter is (PV)j / Pgic(ﬁlfﬂ- 15, 16, i7). This
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mixing process alters the effective jet boundary shape so that the inviscid flow is affected, particular-
ly at transonic speeds. At a given norzle pressure ratio the mixing parameter ip primarily dependent on
Rjth/Raotho('“ also saction 6.1.1). Tha entrainment effect of a cold jet on the drag of a smooth
afterbody at MOO:.BS is of the order of 20 °/o of the jet plume shape effect {Ref. 18) for a convergent
nozzle, Hence changes in jet entrainment, due to distoriions, turbulence, jet temperature will show a
strong influence on the afterbody drag.

In case cf a separated flow the pressure levsl in the dead-air region is determined to a
large extend by the condition of the extermal and internal mixirg layers just upstream of the point of
reattachment. If the external flow is transcnic and the engine is of ths by-pass type what means that the
nozzle pressure ratio is low, the vigoous layer surrounding the jet is aleo very dependent on the
turbulence level and distoriions ot the jet flow juast upsiream of the nozzle, since these properties do
not damp sufficiently during ths expansion. If the outer flow is supersonic ths pressure in a separated
region, which is 2lso strongly determined by the flow properties near the reattachment point, determines
whera the boat-iail terminal shock wave is located. A short review of this separation phenomenan is given
in refererce 19 for example.

However, nc experiments and/or analysis are available in tne open literature which consider
the influence of the jet distortion and turbuience properties on the exhaust flow field, and hence orn the
axternal drsg. On the contrary some expuriments and analysis are known whick show a strong dependance of
bleeding small amounte of air in ihe seperated base region on the trge pressure, This blead disturbes the
effective stagnation point in the flow reattachment region and hence the stresmline total pressure that
just osn overcome the pressure rise in order to flow downstream. Figure 15 shows this effect (Ref, 20).
If can be concludad from this figure that leakage through the nczrle leaves wiil airongly affect the
effective thrust munus drag of tha exheust syatem. Usuclly these conditions are not simulatasd in the
wind tunnel in order {0 determine the eensitivity of the nozzle performance due to teskage,which varies
between the production nogzles and which is generally unknown.

Some experiments arc available on the influence of the jet texmpsrature on base pressure
using het air (so r, = 1.4)at transonic speeds. Figure 16 is deduced from referencz 2! yielding basa

pressure (Cp ) ba“"d_mg (cnb) and boattail drag (CD )} for a typical afterbody shape at M o = 019 versus
b B

the total jet pressure P, . It is clearly seen that the afterbody drag (C; + Cp ) ia aome 20 °/o
J 8 b

dacressed if a hot jet is used for jet simulation instead of a ccld jet. A similar conclusion is reached
in reference 22, where it is found that the base drag a: a tempsrature ratio of 2,8 is 25 %/o less than
it is with an unheated jJet a% M, = 0,9 utilizing a propsns-air combustion syatem with & convergent
nozzle at a premsure ratio of 2. At supersonic external gpaeds the influance of the jet temperature seems
to bs gubstantially lese; typically the bage drsg differs less then 5 °/o.

It ghould be noted thut turbtulent jet mixing {8 little influanced by Reynclds number effects
since the characteristic mixing length ia in first approximation proportional to the characteristic jet
dimengions.

Summarizing the following can be concluded regarding the degree of jet simalation in
transonic wind tunnels.

a) For noszle thrugt coeffjcient assessment (internsl and gtatic) the geomeiry, nozzle
pressure ratio and rstio of specific heats should be simulzted ss first parameters. This
iz alac irue fer the secondary moss flow in cese of ejector nozzles or nozzles with
subatantial coolang air. The mecondary parameters are the total temperature, snd internal
flow distortions, alao swirl, upstrocam of the nczzle if the nozzle contraction is large
(AE"g _/A: 2 1,8). For small noczle contrecticn ration these parameters become also primery.

b) For almost ynviscid jsetg where mixing has a secondary importance, that is at subsonic and
at supersonic speeds, the wave structure and stream line shapes, that is the initial in-
clination angle and wave reflection coefficients (both determining the plume shape) should
be simulated regerding the infiusnce on the externa: flow field, These parameters are

determinad by th/pm, ;-J, Hi as Weil ag by the free stream condition. The jet temperature
and upsiream distortions yield corrections on the jet boundary due to mixing.

ey In casss where aet wixing plays en importsnt roie on the external fiow field, that is at
transonic speeds and if the flow separates at all speod regimes, nozzle geometry and ratio
of specific heats, tha nozzle temperature catio, secondary Ilows (if present), external
boundary layer thickness, jet distoriion snd turbulence shouid be simulated also. Scale
effects due to turbulant mixang csn be igrored.

4. WIND TUNNEL TESTING SCHEMES rOR THRUST RINUS DRAG ASSESSMENT

The wind tunnel testing gcheme for nozzle-aftsrbody performance assessment that one chooses
to emptoy for a particular aircraft design depends primarily or the svailable test rigs and systems in
the wind tunnel and on the stage of aerodynamic temting. In rscent yeers the main itransonic wind turnel
facilities hava been equiped to perforz powsred nozzle itesting. Ususlly each laboratory designed its own
particular system that is flexible enough to test a varisty of norzle-afterbedy combinations. These test
rig designs were based on st and nozzle parameters which were thought to be of first importance, as
discussed 1n the previous secticn, on the other technical regquirements, 4 will be discussed in the next
section, and on the apparatus achievadble in the wind tunnel within practical limits,

The next discussion concerns primarily thé engine-mirframe integrated systenms (e.g. fighters).
Similar ischniques can be umed for podded subsonic installationas, ut in those cases the jet influence
on the wing or aftfuselege is of egual importance.

The nogzle~afterbody performance must de detarmined from wind tunne¢l measurements starting
from aeroforce model drag data and the angine gioss static taoruat. Tho .wtual installed afterbody
performance can be expressed as the difference batween the inmstalled gross engine thrust (Pinut) ainus

the installed afterbody drag (DAB ). This quantity (F—-DAB) should be as large as possible for
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maximum performance. It depends on the external parameters, such as Mach number (M, ) and angle of
attack (a) as well as on internal parameiers such as angine r.p.m., degres of afterburning and exhaust
area rativ, The engine parameters oan be expressed in terms of the noszzle prassure ratio, temperature
ratio, ratio of specific heats, geometry, etc. The engine static test bench gross thrust can in many
instances be considered ss the reference thrust F_ ., F .. The reference afterbody drag (DAB rof) can be

determined by a model similar to the asroforce model but with the afterbody only being metric. The
afterbody drag is the drag on those parts of the afterbody which can be afiectad by the presence of the
exhausting jet(s), such as inter-and outerfairings, tailplanus, fuselage boatiail and base (if present).
The split line betweer. the forebody and afterbody is generally somewhat halfway between the inlets and
exhausts. Usually the drag on the externasl nozzle parts (Dp) is not included in the afterbody drag bui is
added to the nozzle losses. The external flow can also effect the internal nozzle thrust resulting ir a
thrust loss (AFimt)' algo called the internal nozzle drag due to the external flow (see 3.3). The inter—

ference drag is now generally defined as the difference between the net reference performance and the net
installed performance of the nozzle and afterbody combination (Ref. 10 fo. example), that is

Dint = (F = Dppdrge = (F-Dpgdine

or Dint = AF:I.nt + Dn + ADAB '
since AFint + Dn = Frer - Fin-t
and AD =D -D .
AB = "ABj et  ABrer
Sometimes F . -D, . ® F .- (AFint +D, + ADAB) is ualled the equivalent thrust.

Overall installed performance (thrust minus drag) is:

(F-D); ot = Frer = Drer = Dins*

This quantity should have a maximum value.

In an ideal testing scheme AFint’ I)n and ADAB should be determined independently, sothat the optimization
(min.Dint) can be performed efficiently.

Figure 17 illustrates the usual bookkeesping procedure for integrated nozele-aivframe sysiems
where at the asroforce model is supported by a sting located at the nozzles. Before the actual powered
afterbody tests are performed, an intermediate step is done at which the model is split into a forebody
and an afterbody, the latter only being metric. The forebody is grounded and may be supported by a
separate sting under the fuselage or at the wing tips. Also a half model eupport may be used if the
exhausts sre sufficiently free from the tunnel walls. For these tests the inlet is closed. In other
schemer with complete engine simulation the inlet flow may be completely or partially duplicated.

In figure 17 the afterbody tests are performed with the complete exhaust mcdel, However,
these tests can also be performed with an irolated afterbody model, if tho powered test of the gecmetric
similar afterbody is preceeded by a reference afterbody test. For this test the afterbody must have the
same shape as the asroforce model and must use a non-metric dummy sting at the location of the aeroforce
model sting. This test yields the new reference afterbody drag DAB for the sctual p/aered aftorbodq/

ref
nozgzle tests, The advantage and disadvantages of isolated tesis have been dessribed in the previous
chapter.

The powered afterbody tests may use various schemes as is indicated in figure 18. The first
scheme (A) is the simpliest one and requires only cne balance. The main disadvantages of this scheme are
that optimization of the afterbddy-nogzzle combination is hard to achieve and that the afterbody drag is
overshadowed by the large installed gross thrust which is an order of magnitude iarger. The accuracy must
be appropriate to the net thrust level while measuring gross thrust. This diffinulty is overcome by the
scheme in D where the entering jet momentum is subtractied from the total measured force of A, making
possible the use of a more sensitive balance. Howaver, in this case the effective flow ares. (A.) can be
assessed only with difficulty and also a sealing problem exicts at this high pressure location. The
schemes of figure 18-B and -C are identiocal in practice and measure separate’.y the installed gross thrust
force and installed afterbody drag in series or in tandem raspectively. The afterboedy drag balance can be
made more sensitive.

An alternate method to obtain the afterbody drag of simple models (e.g. axisymmetric) is to
pressure tap the afterbody, which might also include a base. These pressurea are integrated to obtain
DAB « Adding the oalculated skin friotion to this quantity yields DAB « This procedurz ias not

inst.p. inst
recommended for the external drag of complicated afterbody shapes since in these casza large pressure
gradients might exist yielding inaccurate date. However, some measuremenis of local pressure jlotting and
flow visualisation on afterbodies is useful in order to detect areas of drag increas: and to make
possible comparison with thaoretiocal analysis.

In figure 18 only the primary mass flow is indicated. If necessary secondary flow can also be
introduced in a similar manner leading to less difficulties as the primery flow since the secondary mass
flow is only a few percent of the total mass flow, .

The mess flow can be controlled and metered cutside the tunnel test section with a high degree
of acouracy. Figure 19 gives the scnic oritfice method generally used and most acourate for gaseous jet
fluids. The discharge coefficients for sonic line curvature, boundary layer displacament effect and virial
effact which are uaad; are alme given in figure 19. The former two discharge coefficients are well cover-
ed in the literature (see for example references 19, 23, 24), but not the dischargs cosfficient for the
virial effect. This effect is usually neglected, but should be taken irnto account if the sonioc orifics is
operating at bigh pressures as it generally is the case (Refs. 24,25). If the jet fluid or one of its
components is a liquid an easy snd sccurate technique to ocontrol and meter the flow rate is the use of a
oavitating venturi, which can be accurately calibrated. The flow rate of a cavitating venturi is
proportional to the squars root of the product of upstrean pressure times the liguid density as long as
the venturi back pressure is less tharn the maximua venturi recovery pressure.
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The nozzle gross isentropic thrust (J(i d) oan be corputed based on the measursd mass flow rate
and the nozzle one dimensional ideal expansion from Py to the ambient static pressure p . In fact any

of the theoretical isentropic thrust computations based on measured mess flow ma be used as describad in
reference 1 ,chapter 3 of Part II. In the real engine isentropioc thruet computations the thermal real gas
effects (p - ZpRT) are usually neglected, which oan be justified, but the caloric real gas effects (C_ and
C_ £ constant) are taken intc account, However the model tests are sometimes performed at high pressure
18vel in order to inorease the model Reynolds number. In these cases the virial effect can not be ignored,
partiocularly if a cold jet simulating fluid is used (see fig. 20 from Ref. 26).

The gross thrust coefficient may be defined ae

AN

P
=X
where F is the neasured installed or static thrust and Xi d the issntropic thrust for which the snalytical

procedure should be indicated. If secondary flow is supplied, the isentropic gross thrust is the sum of
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both isentropic tbrusts, (xid.‘l + xid’)s
c SR i
\ -
; Te  Xia5* Xiae
i whers J(i a3 and Xi as 2F¢ calculated from the primary nozzle pressure ratio plus ﬁjﬁtj and the secondary
:

nozzle pressure ratio plus &’\/E‘“ respectively. F is again the measured total thrust.

In practice it is convenient to work with primary flows only in the bookkeeping procedure ;
even though secondary flows arc presant. This can be done by subtracting from the measured thrust with ¢
primary and secondary flows the ram drag of the secondary flww ﬁgvoc and base the thrust coefficient on
the issntropic gross thrust of the primary flow onlys

PV
ch o —— .
Xiaj
The computed net thrust of the engine is then equal to

FN = C’I‘x X

taking only into ascount the primary engine flows. ¢
This procedure is also useful for direoct comparison of the actual engine thrust with single ;

nozzles on the static test benoh. |
Valueo of the model static thrust, which can be considered as the model reference thrust

) can be directly obtained from tunnel-off, jet-on measurements for the different

o s naon Sk

idj ~ ﬁjvcc

L meea

(Fot.model” Fref.model
nogzle operating conditions for purpose of determining the absolute installation effects:

cm{,gggel xig.mgel

P =F =

ref.model st.model c'rro!‘.engine xid.onginc '
)

F (Fst.eng xg) ;

which should be the same for the model nozzle and the engine nozrle (attention must be

F-t .engine

1
vBeTe Orver ™ X,

exercised that Xid

procedures (Refs. 19,20). The condition of obtaining identical thrust coefficients for the actual engine
nogzzle and for tho model is very difficult to achieve (see Ref. 28 for example). If rjongim = ydmd’l

is computed in the same manner) or the difference must be traced by analytiocal

and (pt.‘i/Pw )nodol - (P"J/Pw )engine for both primary and secondary flows than i
X d.model 2 P44 model
T = (scale) 5 -,
id.engina tj.engine

Ifr "j cannot be simulated in the wand tunnei than a emsll correction is recuired. The correction depends

on whethsr the jet plume shape is correctly simulnted; but not the jet momentum, or the jet momentum 1s
simulated yielding a non-matched plume shape (Ref. 27;.
The difference between (jet-on, tunnel-off) and (jet-on, tunnel-on) thrust measurements

yields:
(Fret Jmodel = (“Fingt * Pnluoaer *

inst
i.e. the absolute nozzle installation drag, if the afterbody is measured separately. Since <! some Mach
numbers and simulated engine setting (r.p.m., A__), the ideal thrust snd dynamic pressure are both
proportional to the pressure level (for exampla, static pressure p, ), the internal and external thrust
losses (AFint and Dn can be correlated with the ideal thrust. Therefore F /X C is a meaning-

{ inst’ "id T “Tanst

ful quantity.

If the purpose of the afterbody tests is to compare the performance of diffurent nozzle
designs in the aircraft flow field, or even in an isolated teet flow field, the simulaticu requirements
for the jet properties are less pronounced. This method depends upon the difference between two tests on
§ different norzle configurations at the same free stream Mach number, nozzle expansion ratio and secondary
air flow ratio. Then the comparison of installed grcss thrust can be written as

L "
AF . (cT - Cqp )X,

[P OEPTE  WUSY U ISP

= P net’mode

e v

]
inst inst inst id ;
the primes veferring to the two different configurations.
For C, 2lso C can be writien,
T T
inst xinst
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If the reference model utilizes a flow through inlet and exhaust, or a flow through nacelle,
the reference afterbody drag or reference aft nacelle drag with natural flow must be determined including
the natural flow jet effecte on the afierbody and the ratural flow thrust. This natural flow thrust minus
drag term, as a funotion of Mach number and angle of incidence must be subiracted from the sercforce
model drag. This can be accomplished by measuring the forebody drag separately, as might be done in the
inlet tests, or by measuring those values dirootly with a blowing reference afterbody and nozzle fad from
the outsice {inlet clomed) for which the mass flow (cold eir) is equal to the natural flow as might be
done with one of the schemes of figure 18. The actual afterbody or nacelle aft configuration replaces in
the next step thu aeroforce configurations, at which the ac%ual thrust and drag tarm are determined
utilizing the proper jet simulation technique and one of the gchemes of figure 18.

In case of a fan engine with c podded installation the drag acting on the turbine cowl is
sometires called the sorubbing drag. This drag term can be compared with the external nozzle drag of an
integrated system. In cass of under-wing engine mounting the change in drag of the wing due to jet
effects should be included in the bookkeeping procedure of thrust minum drag, same as the trim drag as
resulting frem 1ift distribution changes on the wing due to the jets.

In many publiocations the term base drag is found. This term is generally used if the dragz on
the base is deternined by pressure plotting, as is done with aeroforce nodel or inlet modsl drag correct~
ions. Since the base, if present, can either be considered as part of the afterbody or part of the norztle,
the base drag will be contained in tha afterbody drag or nozzle drag terms if these terms are determined
by force balance msasurements.

5. JET SIMULATION TECHNIQUES FOR THRUST MINUS DRAG ASSESSMENT

5.1 UENERAL REQUIREMENTS
Apart from the jet parameter simulaticn recuirements, as described in chapter 3, other
general recuirements exists with respact to model construction and wind tunnel operation, These require-
ments are as followss
a) The feed pipes of the jet simulating fluid should be as thin as possible in order to avoid
large asrodynamic interference of the supply duct and/or support system. This requirsment
calls for a dense fluid in the supply duct.
b) If a thrust balance is used the system to bypass the balance without interference on the
balance, should be as small as possible and/or operate at low pressures. This also calls
for a dense fluid supply along the balance and/or low pressures.

¢) Tn order to keep the poasible influence of the momentum of the entering fluid on the
thruat balance reading as small as possible, this momentum should be norm:® to the thrust
axis and should be a small fraction of the momentum of the exhaust jet. This calls for a
denss fluid again.

d) Within the balarces, no temperature gradients should be generated due to heat flow from
hot jet simulators, nor should the model deform by thermal stresses.

e) The operation of the simulator should be easily controllable, adjugtable and accurately
repeatable.

f) The model and simulator design shouid be simple and cheap.
g) The operation costs should be low.
h) The operation should be safe, therefore the number of systems should be kept small.
i) The jet flow should not contaminate the tunnel air of closed circuit tunnels, nor should
explosive gas mixtures be accumulated in tis tumnel.
5.2+ TECHNIQUES, ADVANTAGES AND LIMITATIONS

5+2.1. TECHNIQUES WITH FAIRED INLET

The techniques for nozzle tests in wind tunnzls, with closed inlets which have been utilised
or suggested can be sub~divided in the following order according to the fluids useds

- Cold gases

Air or nitrogen are commonly ussd because of low nosis, easy handling properties and resson-
able gas properties for non-augmented engines (except for temperature). Cold guses give clean and
oontinucus operation, and even with secondary flow simulation the plenum chamber of the simulator can be
easily designed. However, ths jet plume or jet momentua can not exactly be simulated. Nor can the mixing
process of ejector nostles and along the jet boundary be simulated. Several exhaust nozzies may be re-
quired to obtain the desired entire 1ange of pressure ratios at high jet pressure ratios. Scaling the
real nozgle for complete expzasion will result in over-expanded scsled nossle operation. Table III shows
the non-matched norzzle properties {Ref. 4).

Table IIX. CONPARISON OF NOZZLE FLOWS FOR DIFFERENT RATIOS OF SPECIFIC HEATS

Ratio of Specific Nozzle Pressure Area Mach number
Heats Ratio, NPR Ratio,A x/A’, Poy P Nax
1.3 5.0 1.41 1.74
1.4 5.0 1.3 1.1
1.4 5.5 1.4 1.1

In order to keep the feed lines small the gas is supplied at high pressurss, consequently
large pressure drops in the duots can be tolerated. The baiance bypass system is generally quite
voluminous and must be designed properly for detailed balancing if this system must be looated inside ths
nodel. If the balance byptss sysrtem oan be lcoated outside the test seoction this problea can be avoided
for example by utiliszing long flexidle hoses or pipes having a npring constant many ordess of mesnitude
less than the spring constant of the balance. The gas must be supplied at right angles to the thrust
axis. Right angle fesd systexs are mairly used for igolated model tests.
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Figure 21 (NASA-Lewis) ghows an isolated nosrle system (Ref. 29) for whish the necessary
flexure in the axial direction is obtained by a nunber of feed pipes in the support strut, using the
meaguring arrangement of figure 18A, incorporating secondary air. In many models the atiffness
perpendicular to the thrust axis is a hard requirement to mest. Therefore often extra support bearings or
flexures are incorporated as seen in this figure.

In figure 22 (NASA-Langley) a tandem arrangement is oketched (Fig. 18C) for a twin nossle
isolated aftertody model arrangement where the balance bypass is within the model (Ref. 30). However in
{his oase no secondary air is provided.

A very popular arrangement for isolated norzle (ur afterbody) support at transonic and super-
sonio speeds is the shaft method for which tis nozzle is at ths end of the shaft extending from the
tunnsl plenum chasber into the test ssotion. The advantage is the complete omission of side supportss the
liaitation is the large boundary layer build up along thea shaft in front of the nozzle and the impossidil-
ity of inocidence variation. The influenco of the shaft boundary layer can however be reduced by blowing
or suotion just upstream of the sensitive portion of the afterbody. Figure 23 show such inatallations
with three ;ot fluxes available, as they are used in various wind tunnels in France, ONERA (see Ref. 26
for example).

The soaling is obtained by balancing rubber bellows. Also details on data raduction and lay-~
out are given.

The nozsgle test shown in figure 4 is also of this type as used at Rolls Royca. The rig is
used primarily for the purpvse of gatherines comparitive information useful to seleoct a configuration
rather than obtaining absolute datums. The tests are ocarried outs

a) without external flow io measure noszle internal performance.
b) with external flow to msasure installed ihrust minua drag.

The latter tests are made with all the significant items which might contribute to the jet interference
effects - boattail, base area, tail surfaces, in the case of an afterbody - a wing and pylon in the case
of a wing pod.

Figure z4 represents another afterbody shaft mounted study rig in a transonic test section
which is small with respeot to the scale of the model (ONERA Ref. 31). The aim of this rig is to study
the afterbody performance of a poddsd fan engine installstion by pressure plotiing rather than by weighing,
and to compare the results for the fan cowl with the pressure coefficients obtained from the inlet tests.
In order to obtain a representative flow around the model and provide a simulated reference upstream
flow, the oylindrical shaft support has been smoothly faired to the external boattail shaps. However, as
is shown in the lower half of this figure the common portion in the pressure coefficient is present only
at the lower Mach numbers, which is probably due to the faoct that the flow field induced by the lip of
tne inlet is not reproduced in the afterbedy test. Therefore the data should not be interpreted as an
absolute value of the afterbvody drag ss determined from pressure integration and estimated skin friction
drag. Consequently improvements of this tesi procedure must be made, for instance by a better representat-
ion of 1):!:0 shape of the streamline at the ieading edge and by boundary layer cuntrol (as is done in
Ref. 47).

Figure 25a gives a layout of a side supported twin nozzle afterbody rig which can be installed
in the transonic as well as in tke supersonioc wind tunnsl of tha Airoraft Resesrch Association U.K.

Ref. 32. Ths rig, which carries models of 1/10 to 1/20 scale and uses air stored at 11 atmospheres, can
be used to investigate nozzle-afterbody performance over a nogrle expansion range representative of turbo-
Jet and bypass engines. The scheme used is that of figure 18A, incorporating secondary flow and tail
planes at the metric afterbody. The forebody im non-metric and the strut is located at a typical wing
looation. The forsbody is of reduced length juwt as figure 22 making representative boundary layer thick-
ness simulation possible at the metric line iocation as is indicated in the figure 25b.This requires,however,
a careful design of theforebody contour. Detailed drawings of this test facility are given in figure 25¢.
The instrumentation layout is shown in figure 25d along wiih the line diagram for data redustion in
figure 258, The dats reduction scheme results in various thrust coefficients (underlined) which depend
esch on the definition for the iwentropic thrust and the assoociated deduced actual model thrust. Special
attention has been directed to the mass flow and discharge coefficient determination, The mass flow is
weasured at & special discharge chamber in the supply line as indicated in figure 25d where ths total
pressure (p_) end the bell mouth depression Ap_ are measured and used to define an acourate value for
iﬁ. The discharge coefficient relates to the™bell mouth Reynolds nunber and has bsen accurately
deternined against a known standard nozele, The values of #,/T for use in the noszle requires correction
for any total temperature change between the measuring bell mouth and nozzla plene. This can be an
important ites in relation to the required sccuracy as 1 °/o temperature variation between the two
stations gives 1/2 /o variation in C,. The secondary flow is measured separately in each duot by orifice
plates. As is stated before, the li@gfiomoo of absolute discharge coefficients and thrust coefficients
is subject to doubt since the rig values must be based on a definsd norzzle pressure head. Algo the flow
distribtution approsching the nosczle is likely to be very different.

If the engines are located in separate nacelles under the wings or at the aft-fuselage the
seni-model test technique may be used sothat the air can be supplied through the wings and pylons to the
noszle. In this case the inlets will be faired if direct blowing is provided. Using engine simulators,
such ss smell turbine-driven compressors. the inlet flow is also simulated partially. This technique will
be disoussed later., 5 gives a layout of a semi-model of a supersonic transport with a half-width of
0,5 m in a 1.7 x 1.7 tunnel.

Coid gases other than coapressed air or nitrogen for jet simulation in wind tunnels are
proposed, since mixing air with multi-atomstic grses,such as cardbon dioxide or freon, the ratio of
specific heats can be sdjusted (Ref. 33). By mixing s third light weight component such as He and/or H,,
the jet deusity can be simulated also. However, thase techniques havs not been used extensively due to
costs, tunnel contsmination and the poscible sccumulation of explosive or otherwise dangerous mixtures.

- Hot gases

In practioe the simulation of the exhaust jets by hot gaaes is performed using the decomposit-
ion of hydrogen peroxide, or by burning a liquid or gaseous fual with air. The latter method can be used
in oonjunction with simple 00id air simulation but is of course much more complicated sinoe an additional
ignition, fuel flow and control system must be provided. In order o keep the cooling provisions and
thormal flux requirescnts to a minimum, the heat must be generated just upstreanm of the nostle,
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preferrubly -at the actual engins iocation, This will mean that the loading of the burner must be rather
high, resulting in incomplets combustion and hence in unprediotable simulator performanna. For this
reason gaseous fuels, partioularly H,, are favourasble, bui are more dangerocus with respect to leaks, then
liquid fuels and will result in rathgr thick fuel lines. The fuels used are generally hydrogen, methane,
propane, eihylene and liquid hydrocarbona, such as kerosine, The oxidizer is vsually air or oxygen, with
air being more favourable dus to less costs and the required moderate tempsratures. Usuaiiy the problsm is
not to meet the highest jot temperaturs requirements but rather the lowor jet temperature. For lower
temperatures the combuntor must be designed such that burning takes place in ihe primary zone afier whioh
cooling air is added.

The main advantage of hot gases is the correct jst simulation properties, both R jTj/Roo Toc

and vj. Some advantage is obtained duc to the reduced reguired mass flow and herce, redvced supply ducts.

For ciosed cirouit wind tunnels good intermittent jet operation is required, or elss an exhaust gas
collector must be provided for continuous operation.

Figuro 26s depiots an axisymmetrio hct isolated norele test rig of the shaft type in a
tramonic/superaonie wind tunnel (RAE Ref. 22). Also nor-axisymmetric nozzle and afterbodies may be
attached to the shaft which extends from ths tunnel plenum chaxzber. The shuft is 1C cm in diameter and
ocontains a propane burner and a downsiream mixer for uniform temperature distribution at the nozzle
entrance. The nozzle is fed by dry compressed air heated to 600° ¢ maximum by propane burning. The range
of obtainable jet temperature and ratio of specific heats is given in figure 26b. The combustion
efficiency varies betwsen 70 ©/0 and 90 ©/o, the highest at the highest obtainable fuel-air ratio. The
temperature distortion is leas than 10 °/o. This rig has bsen developed and refined continuously over a
period of years and, apart from Reynolds number effects, simulates flight conditions very cilosely. The
approach boundary lay~r on to the afterbody is, however, tco thicky no boundary layer control is provided.
This means for example that the efficiency of blow~in-door-e jectorscan nct be determined reliably by this
eans.

For data reduction a thrust-minus-drag balance is provided together with pressure plotting
along the afterbody and base. The primary pre-determined parameters (M_ , P, . s T, ) then yields

A 57 S 374 N

date on jet thrust, boattail drag, skin friction drag, pressure drag and base drag of which the latter two
terms oan be obtained by pressure integration. The jet thrust and skin friction drag can be then determin-~
ed after appropriate assumptions (for example estimation of skin friction drag, or assumed independence of
external flow on jst thrust in choked nozzle operation).

The other way frequently used to gererate hot exhaust gases is bty decomposition of hydrogen
peroxide in a catalyst pack producing hot atea.m/'o:qgon mixtures for which the temperature and composition
depends on the peroxide concentration. It has the advantage that the ratio of specific heats and tempera-
ture of the decomposition products follow clossly the values for turbcjet sngines as may be seen in
figure 27. Peroxide decomposition yislds therefore good plume shape and jet momentum simulation as well as
simulation of the mixing process (Ref. 34). The silver screen catalyst pack can generally be designed small
enough to be looated in the model and does not require more space than a scaled snvine should. Therafore
this method is very suitable for jet simulation at complete aircraft-models with faired inlets. Due ‘o
the feed of cold peroxide the thermal effects have little infiuence on upsgtream componenis (i.e. balances).
Compared to the use of cold air the following numeriocal values show the use of hydrogen peroxide is very
atiractive from a model tesiing requirements point of view

Density ratio "Hzoz/p air = 14 (assumed 90 °/o H,0, and compressed air at 80 atm.)
Supply mass ratio d:H 0
22

Supply line diamster ratio = 0.,43.
XN

Supply line ultimate diameter ratio DH 0./p = 0,26,
2 2! Tair

= 0.46.
/ l!’ad.r

Supply line stiffness ratio Da 0 /D3 = 0,08,
2 2/ Tair
Supply momentum ratio (dv,) . = 0,08,
i H202/(n:vi) air

Momentum ratio supply/exhaust H,0, 1 ﬁvi/&vj = 0,023,

air r?wi/x!wJ « 0,28,

This makes the use in compleie afterbody model tests particularly suitable when incorporating thrust and
deag balances in the model. The operation can easily be intermittent by opening and olosing the supply
valve . Mase 1low control is easily and accurately achieved by a cavitating venturi, which also prevents

chugging.

Since the feed lines are small, spags is also available for seoondary air flow supply as may
be seen in figure 28 for an isolated nozzle test (Ref. 35), using a two-balance sysiem. Ancther btalance
system ig shown in figure 29 where the thrust balance and supply line to thes simulator cataiyst pack are
integrated (NH.L.R., The Netherlands). The afterbody irag balance is concentric with the thrust belence,
yielding a testing scheme similar to figure 18 B. The balances of the system, so calied ring balances, are
very stiff with respect to side fosces and axial foroes, sothat small split lines be‘wsen oomponents of
the model can be ohtained. In spite of small displacement due to axial forces the vutput ot this ring
balance is relative large. Proved sccuracy of this balance, elestronic equipment included, is 0,5 °/o
full soale., Temperature effects on the balance scouracy, caused by the hot simulater, are eliminated by
ocooling the contaot surface between balance and simulator with water. During firing of the simulator. the
balance and the front plate of the simulator are intensively cooled by the liquid hydrogen psroxide, waich
has an entrance temperature equal to the stagnation temperature of ths tunnel air.

Though this technique has several advantages from the wind tunnel testing point of view it also
hag drawbacks, of which the main drawbeck is the cleaning and passivation proocedurs of componsnis in
direct contact with the hydrogen peroxide in order to operate the faciliiy savely. This requires s skillsd
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operation tswm and a well-designed system. Fortunately dilution with only small amounts of water rapidly
reducee the coourrance of fire and explosion hazards. The liquid and fumes are non-toxic. In closed
circuit tunnels the humidity increases due to the large amount of steam in the jet and the tunnel air
will rise in temperature. Therefore intermittent operation is required; blowing times betwsen 4 sec. and
40 sec. are generally used. Several intermittent runs oan be male bafore tunnel air exchange or tunnel
drying is nscossary ~ue to inoreased h:midity. Alsc short firing time is requirad due to limited
catelyst pack life (one to five houre, depending on pack loading and peroxide concentration), which
meane in practice that the catalymt pack must be replaced a few times in a wind tunnel program. Another
draw back nay be the costs of H 02, which is about § 1,00/kg. Consequently this system will only be

usad in high quality wind tunnefs®and in wind tunnel programs for advanced aircraft design.

5«2+2. TECHNIQUES WITH COMPLETE ENGINE SINULATION
In the previous section the exhausis are treated separately from the iniet flow, following

the usual procedure as performed in the wind tunnel testing program. However, the mutual possible inter—
ference bstwesn the inlets and exhausts has been mentioned ocoasionally, and doubt has been expressed if

i peperate tasting is allowed.

If a wind tunnel testing scheme is set-up at which both the inlets and exhausts are simulated
witmalianeously, provision should be provided to energy tc the inlet air flow in the form of total
rracsure rige and preferably also in the form of a temperature rise (temperature rise only would yield
ramjet conditions). This addition of energy can be either outside the wind tunnel test section or inside
the model. Depending on the inlet mass flow and required pressure rise, it can generally be stated that
the recuired power for pumping is very large (typically bstween 10 and 100 h.p.guwhich means that the
location of the pumping system inside the model would be a considerable task, though not completely
impossible. Dr. Fuhs computes the power requirecment for a typical example (Ref. 4) and conocludes on this
item: “Thim is like stuffing two VW engines in a three-inch pipe". Two techniques are now available,
ejectors and miniature gas iurbine driven engine simulators, both based on gassous driving fluids (air
or nitroge'.) which is expelled through the nczzle also or which is again partially extracted from the
turbine flow (Fig. 30). To obtain correct pressure ratio having & reasonable number of stages in the
compressor, the speed mst typically be of the order of 60,000 to 80,000 r.p.m. Use of electric power
wiil yield too voluminous motors.

The system for which the pump system is looatsd cutside the tunnel test section can only be
used if the air passages of the inlet flow can be made large enough to provide for ths complete inlet
uass flow particularly at transonic speeds where pvis maximum. This means that this system cannot be
used with podded engine installations sinoce the pylon crnss-sectional area is much less than the inlet
area,

A. SYSTEMS WITH INTERNAL ADDITION OF ENERGY

The accompaning sketch depiocts schematically the system with internal addition of energy
where the primary driving fluid is expelled through the exhaust also, either mixed with the sesondary
flow or saparated from the secondary flow in case of a fan engine simulator. If the testis a~e -erformed
for thrust-drag determination or for engine-airframe interference determination, in both cases the
secondary air flow must be measured (assuming the primary mass flow is measured adequately ocutside the
test section) for correct inlet spillags and jet propsrties asseasment. This means that careful calibrat-
ion of the secondary mass flow (inlet mass flow) musi be provided since {hie precise measurement of this
quantity under wind tunnel model conditions is generally not possible. As an intermediate step in the
thrust minus drag assessment sometimes alsd the nacelle with engine simulator is measured under isolated
conditions (e.g. free from the wing) at which the interfersnce drag can then be defined as the differenc«
in the isolated (nacelle free) wing or airplane drag pius the net nacelle force and the complete (with
powered nacelles) aircraft drag.

——h thet thy

-

MINIATURE TURBINE DRIVEN ENGINE SIKULATORS

For a high bypass engine installed on a wing or rear fuselage in subsonic flow the performance
engineer generally needs to know (a) the effect of the inlet and exhaust flow on the airframe aerodynamics,
and (b) the effects of the wing flow field on the gross thrust of the nozsles snd mase flow. Preasure
ratios of the order of 1.7 ara required to be simulated within the nacelle and this is not easily simulat-
ed by ejectors. Thsrefore miniature turbine driven engine simulators have recently been developed for
wind tunnel use., These engine simulstor units opsrate with a primary drive turbine using air (or N,) at
25 atmospheres. This turbine drives a secondary duct fan (max. r.p.m. 80.000) which gives a geomtgio-
sily represeniative secondary air flow at the correot pressure ratio. The model is usually correctly
scaled and only the unrepresentative features are ), T and actual mass flow ratio. The inlet flow is
less ihan the flight requirement but only absut 15 ~ 25 °/o (for a7 tcl bypass ratio fan) less and is
within an acceptable limit above the spill drag margin. The primary gas generator flow is unrepresent-
ative but is probably of little importanoe when surrounded by the secondary flow. Figure 31 shows such
a unit inetalled in a nacelle under the wing (Ref. 36,37).

In figure 30 a fraction of the turbine mase flow is mixed with the compressor flow, yielding
flexibiiity in the ocontrolling of jet plume parameters of multiatage turbojet simmlators. This feature
is not oommon ourrently, howsver new simulators incorporste this fea’ure. See for performance details of
such simulators refersnce 38.

The degree of simuiatinn can be described ag followss

a) Fan pressure ratio is repressntative of full scale.
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i\ b) Fan (secondery) noszle oan be sized correctlys thus with (a) fan noszzle exit conditions
: are correot in flow conditions and geometry. Distortion soreens, detail struts ana
g feirings oan be incorporated within the nosszle in order to duplicate, as far as
£ possible the exhaust flow oharacteristios of the full scale engine. In retrospeot, it is
i evident that the failure to duplicate the nozslo radial total pressure profile,
g ocntributed to a discrepanocy noted Detween modal scale and full soale evaluat'ons of the
B fan nozzle cosfficients. At take-off power, for instange, the total pressure distortion
L (p, -P, )/(Pt - P ,) oan typically be some 30 °/o for large btypass ratio engines
: max nmin av 8
(Ref. 39).
y o) The whole of the inlet flow feeds the fan nozszle, thus the inlei is wrongly matohed ant
S therefore the performance and/or the geometry must be compromised, usually by cowl
modifications, in order to keep the spill margin equal,
d) Primary nogzzle is geomeirioally near correct, e pressure ratio is close to correct btut
very cold. This might have consequences regardi~g the effesis due to mixing. Bypasw ratio
] is 211 instead of 53;l. As the primary jet is shieldad by ihe fan jet these effects mhould
E probably be unimportant as far as jet interfersnce is concerned.

Usually the following vesting is performed:

- a) Isolated engine on a balance without external flow with beilmouth for seoondary mass flow
oalivwration and some checks on (b).

b) Isolated nacelle on balance with external flow for thrust calibration,and

3 o) Nacelle(s) in position on metric model with balance measuring net forces on model,
usuglly semi-span (Fige. 32 from Ref. 40),

The tests (a) or (a) and {b) can be replaced by "test bed" type calibration.

With respect to isolated tests it should be noted that the nacelle should be axisymmetric
since a contoured nacelle in a uniform flow field would give unrealistic nacelle drag, tbhat would not
exist in the air plane flow field. This would result in apparent favourable interference effeots. Ths
installation oriteria should be that the contoured nacelle operating in the airplane flow field should
have esgentially the same drag as an axisymmetric nacelle operating in the uniform field of the wind
tunnel. Any drag inorement dus to improper contouring appears as interference drag and should be con-
sidered as an installation effect (Ref. 41). In test b and o the momerntum of the incoming driving fluid,
(air or N,) oust be perpendicular to the drag direction if the model plus simulator is metric. In test(b)
oare musi be taken where to locate the meiric iine along ths support strut. If the metric line is too
close to the nacelle~pylon combination the measured force is unrealistic since part of the mutual inter-
ference (equal but opposite) is not measured. The distances of the metris line must be such that the
pressure disturbances produced by the nacelle on the non-metric (grounded) part of the support shovld be
small relative to the balance acourasy. In reference 41 it is considered that a distance of the melric
line 1,25 nacelle diameters from the engine centerline is sufficient in this respect.

In both tests(biand(c) it is necessary the trip the boundary layer at a fixed point in order
to make the data comparable since the tests(b)and(c)will generally be performed in different wind
tunnels usually having different noise iniensities in the test section.

The test (c)should be done relative to the flow through nacells, hence the compressor should
be run first at such a speed that the totial pressurs ratio accross the fan is equal to the flow-through
nacalle, This gives the reference vaiues as obtained similarly with the seroforce model. The overall
bookkeeping procedurs is than usually such that the installation drag ADinst is defined as:

= [(T~D) (7-D)

AD; 8t model, full blowing (a,8,n) ~ model, ref.blowing (a,p) ) ~

- ((T~D) (7-D),

isolated,full blowing(n) ~ isolated,ref.blowing)!”
The terms in the firat brackets are obtained from tast(c) and the terms in ‘he last brackets from test (bt
Comparison with test (a)givesbreak down in the various thrust and drag terns,

A typical method in use with these currently available simulators will be desoribed
next. This method for fan simulators is perhaps the most advanced and logical which has been attempied
with these simulated engines, in that the thrust of the individual nozzles is related to the conditions
in that nozzle in the correct environment. Certain assumptions are made of necessity, and the vaiue of
any absolute answers is dependent upon prediction methods for external drag.

Since the author does not have experience with those simulators, the method that will
he desoribed is due to the contribution of the U,K. on the AGARD questionaire as cuoted in the
introduction (Ref. 1).

The following methods can be used to calculate thrust.

f (uvﬁvnr“oc ).

A. In this case an attempt is made to calculate the nat standard instalisd thrust of the engines when
installed on the '""complete" model, Addition of this term to the balance measured overall drag gives an
airoraft external drag. As the net standard definition of thrust is used any post exit thrust ie in the
extarnal drag term.

The static test (a) yields a mass flow calibration of the fan face instrumentation
(typically 28 pitots, 12 statios). A flow coefficient Cd, is calculated such that

3\1 =Cy x i\l (see sketch)
a 1 m
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UPSTREAM ® ENGINE FACE FAN NOZZLE PRIMARY NOZZLE i
. 1 2 3
2
Lo m  MASS FLOW
s vV VELOCITY ;
€A AREA COEFFICIENT i
Cy VELOCITY COEFFICIENT j
] X, GROSS THRUST 1
] P, TOTAL PRESSURE p
3 »  STATIC PRESSURE FROM AREA WEIGHTED MEANS i
T, TOTAL TEMPERATURE i
Cdy INLET MASS FLOW COEFFICIENT {(Pry/p  ONLY) 4
3 SUBSCRIPTS
4 NOTATIONS AS A3OVE
¢ CACTUAL'® ’i
m  MEASURED AT PARTICULAR STATION !
g
1 B
i i
3 q
where ﬁl is obtained from a calibrated -ellmouth and xil from area weighted mean total and statac f
; a m i
. pressures and freestresm total temperatura at the fan. 3
' When the nacelle is tested in isolation (test b) with external flow pressure measurements :
can be made at the inlet, nogzle exits and on cowl external surfaces. The aciual gross standserd thrust ;
for each nozzle is defired as “i
! e 2 - R
| )(g =@ v, C, C+ (pex Py )4, 7
E xim, v, are deter;ined from area weighted pressures (total and static) and total temperatures at the
nozzle exit. CA and cv are area and velosity coefficients respectively. Obviously accurate mass flows
must be used for the thrust calculations but it is also importanit that the same mass flow 13 used for the 1
ran drag caloulation a» for the fan gross thrust. The inlet instrumentation is the best available ;
(being more uniform than the nozzle)and so :
B = @, =C, x# is taken (cd being taken for the relevant value of f"ﬂ/ Y. !
a a 1 m 1 “/8) 3
An acourate determination of the primary mass flow can be made external to the mudel by a :
: standurd flow meter. In order to force the correct mass flow into the groes thrustejvation abovs the flow 1
; coefficiant can be written as q
C, xC == 1
A v mm ;
i
q

in other words

L 4 K . - :
"g‘ma‘mcv*(pex p )A. ;

In order to determine thezs nozzle coefficients separately ihe primary noesls C, is taken i
from separate nogztle itesis. Thus from the pressurs, temperature and mass flow measurements Qho primary
gross thrust X . can be calovlated. The mezsured balance drag DBA with the isclated nacelle model is
; 3 L
i given by
; DBAL"DExT*Dm“xgz"ng
where the exterrnal DEXT' oontains all terms such as sx:al prassure integrals, forsbody spillage drag, skin

friotion drag and scrubbing drag. The RAM drag can be caloulated from freestream conditions and ﬁxl .
a

i Thus the secondary gross thrust Xg is detorminsd if all the terms in DEXT are astimable or caloulable.
! 2
! See for this procedure reference 42 for srxampie.

»
L_z..:.a_..“..._ PRSP SRIUVIVOIY VTN WP ORPY P R DI VI Iy T




5-16

In the equations

2

“n
2
)(32 uﬁzmxvamchxcv+ (pexa—pw) A,

cA und C, are the only iwo unkmons. Only one of these coeffioients can be used to calculate thrust in the

airoraft configuration (test o) and c,q is chusen as it is oonjectured that this is likely to vary the

least, It is used as a funotion of fan prassure ratio end Mach number,

Then the net standard thrust can be caloulated when the engines are used in the installed
oondition and this valus added to the overall messured balance drag to give model external drag. This ex-
ternal drag value will contain all the interterence terms associated with both inlet and exhaust flows.
It will also include the airframe on nacells effecis as well as the converse.

B, A similar seriee of tests oan be conducted as in A, but interpreted differently. The static calibration
(tent 8) is used to give & mass flow calibration but because no inletv instrumentation is available the
fan noggle instrumentation is used for the main fun mass flow measurement. The calibration is thus done

in a test cell with the ocorreot exit pressure. The calibration of the instrumentation is taken as a
function not only of pressure ratio but aiso of corrected r.p.m., the latter because of swirl effects.
The thrust oalibration with external flow (test b} is reduced as a thrust coefficient G,P

-(DBAL i m)

T X +X
& &

defined as

C 2 and 3 referring to fan and gas generator flows respectively,

where the gross thrusts are csloulated using corrected mass flows and are of the fully expanded type
(isentropic thrust).

This thrust coefficient is used (as a function of power and ¥ }to correct full-model balance
measurements (test c). As the thrust coefficient contains the isolated nacelle external drag the model
data obtainsd only shows differences in relaticn to an isolated nacelle X - D definition. Any adaptation
t0 full scals results must make allowance for the change in nacelle exterfial drag between model and full
scale.

C. An alternative .wthod would be to use an altitude teat cell type technique and measuring thrust with a
balance {test a). The thrust in the installed condition could then be calculated in exactly the same way
as the engine manufacturer guarantees thrust. In this way the effects of the engine are determined in a
"legal" gense as long as the model s~7ine bshaves similarly from test bed to installed condition. This is
basiocslly similar to A, but dves not allow for changes of thrust of the model engine in the airframxe
snvironment. There is evidence that this assumption is incorrect.

In all these methods it im necessary to weasure "somewhere' the full scale engine performance
in the airframe environment., Evidance on tte modal ascale shows the fan nozzle flow distribution %o be
considerably influenced by the wing flow since in many instances the flight envelope of the airplane
results in ongine operation at jet pressure ratios less than critical for both the primary (turbine} and
far nozzles. Undsr thsse conditions the external pressures in thu area local to the particular norzle can
alter the flow characteristios upsiream of the nozzle, This can also occur for above critical nozzle
operations for conical convergent nozzles due to sonic line locations us influenced by the external
presaure field. These external pressures can be significantly differmnt when the engine is installed
close to the wing. When this happens the engine can be affected in two ways:

a) The local pressure, if diffnrent from ambient at each nozzle exit plane, can cause the
engine oycle to shift, and

b) The looal back pressure can be affected.
Though this technique is very promising with the main features:

a) Yielding high degree of mimulation, except for soms increased inlet spillage and non-
reprosentative primary (turbine) jet temperature, and

b) Similar installation procedures can be followed in the wind tunnel as the actual engine in
the actual airplane, 1t has the main draw-backs that (a) is expensive to operate, (b) it
needs extensive control instrumentation for each engine, (c) it hes little flexibility,
sach actual engine would require a different miniature ‘urbine simulator, (d) the bear-
ings have only limited life, (o) the repeatability is limited, (£} two equally manufact-
ured simulators show different characteristics (as large as 5 ©/o0 in net thrust, (refer-
ence 41) and (g) the separation of various drag and thrust terms is very difficalt and
sometimes speculative, mainly due to the inaccurate asaessment of the nozezle cocfficienis.

In general it can be stated that, using emall turbine driven eimulators, one gains in the
degree of engine simulation with respect of techniques utilizing direct nozzle blowing and direct inlet
suotion, bul is edverse in obtainable accuraoy of data assessuent of each component. Howaver, the use of
these simulators is rather new, and could and will be much improved by further work.

EJECTORS

Ejectors do not contain rotating parts and are therefore much eagier to manufacture and more
flexible (not scale dependent) than turhinz driven simulators. However, the secondary inlet mass {low is
much less and the presnure ratio obttinnble at the nozzle ia usually lirited, Furthermore large un~
repressntative iotal preasure distortions dus to the primary jets are hard to prevent. Since the ejector
ia & pure flow device its performsnce depends largely on the upstream and downstream conditions. The
characteristicz are usually quite different Irom the real engine, For these reasons the ejector is little
used for thrust engine simulation; however, it je becoming popular for 1if% engine simulation in VIOL-
aircraft, mainly due to the required low total prescire ratios in these cases. Figure 31 shows a typical
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sjeotor unit for this purpons (Ref. 38), whereas in reference 43 a static calibration procedure is given
of gsuch & unit. Since the ejecior soheme is simple and cheap to operate it seems worthwhile to do more
work in ord-r to improve its characteristics.

Due to the large flow distortions in the exhaust jet caused ty the primary jets, thrust
measurenents with ejectors are very unrepresentative and hence usually not performed. The system is how-
ever sumetimes used for assessment of jet interference offects othier than thrust minus drag. For example
figure 34 shows an ejector sywiem (U.K.) for inlet and exhaust flow simulation on a fighter type model.
The model is mounted on a special 6-component valance. The high pressure blowing air is ducted below the
balance to a plenum box from which it feeds into a peripheral sjector in each side duot. This ejector
induces intake flow through the model boosting its total pressure and mass. This air is bifurcated to the
two blowing nozzles on each side wilh appropriate internal control to give reasonable distribution. The
final jet distribution is controlled by a spliiter box. Special seals must be developed for use between
the metric ajir inlet and non-mstric ejector box.

The shown e jector consists of an annular primary jet with an inner secondary inlet flow area.
At the chosen design condition when operating in quiescent airs conditions for eash duct the primary flow
was 1.65 lbs/secs, with a nozzle pressure of 4 atmospheres. The secondary or inlet flow was 0.85 lba/secs.
For the froni engine the nozzle distribution was relatively poor due to the short length. The rear nozzle
distribution was good. The representation of total pressure ratio for the two nozzles was good and the
inlst area ratio was 0.8 ejectors off, 0,65 ejeotors on.

B. SYSTENS WITH EXTERNAL ADDITION OF ENERGY

As mentioned before the system for complete engine simulation with addition of energy outside
the test section can only be used if the air passages to the outside can be made large enough for ths in-
let mags flow without deteriorating the external flow. In practice this scheme can only be used with
integrated engine-airframe systems, using the half model technique of a itwin engine aircraft. Figvre 35
depicts such a set up. However, the main problem is the deteriorating effect of the reflection plate
boundary layer, which probably can be kept under control for the inlsi studies, but will have a dis-
ruptive effect on the phenomena locked for at the exhaust., From the point of view of engine intearference
testing this scheme is vary attractive, and if weys ocould be found to omit the reflection plate boundary
layer effects (shock wave-boundary layer interaction, separation, displacement, model boundary layer-plats
bouniary layer interactione) this method would certainly be used in the future. No examples are known
which uss this technique with good succeas. In fact these techniques would be similar to the method of
simulating only the sxhsust from the exhaust testing point of view. The procedure at the inlet ie similer
as treated with inlets only, except that apace downstream of the inlets is very limited.

Of course it is possible to use a combination cf external and internal addition of energy,
such that the inlet masc flow is soaled same as the iemperature corrected exhaust flow, without the
necessary use of the semi-model technique. Though thig combination of techniques might show good promise,
the complexity in manufacture, control and metering rises considerably. One example is known where this
method is used for interference studies of low subsonic speeds other than thrust minus drag.

6. TETERMINATION OF JET-AIRFRAME INTERFERENCE (FXCEPT THRUST-DRAG)

In many aircraft{ configurations the propulsive jets may influence the flow on nearby or far
surfaces causing phenomena such as change in pressure distribution, shock-wave-boundary layer interaction,
flow geparation, surface heating and unsteady loads. These interferences depend on ths engine power
getting., If these phenomena are expected to occur, wind tunnel testas with ful nozgzle blowing should be
performed for assessing the inorements (in 1ift, moment, drag) due to the jet interference. Figure 36 gives
a general impression how moment and lift inorements Aue to jet effects can be deiermined. Normally the
testing schemes are similar or even identical to the schemes for interference and installation drag
determination. During these tests the complete external flow should be simulated, hence isolated tests are
not performed. This means that complete models or semi-models are used. Semi-models can be utilized 1f it
is certain that the reflection plate boundary layer does not deteriorate the phenomena to be exemined.

Since no thrust terms are involved, the jei simulator can be non-metric (grounded) and the
surfaces at which the disturbances are studied metric to a balance. Also the phenomenon can detected by
pressure tapping (stationary and non-stationary if necessary) and. by heat transfer- measurements (base
heating of launching vehicles) in which cases the complete model can be grounded., If the jet cannot be
simulated, due to the small scale for example the jets may be simulated by solid body simulators represent-
ing the computed jet boundary contour, preferrably corrected for jet entrainment. However, there is a
strong interference between the prassure field near the jet and the jet contour. making reliable solid
body shaping for ths jet very doubtfu' in many ciroumstsnces (lefs.44,45,46,18,11},

Since the jet interfererce phenomena and the testing techniques in the wind tunnel depend
primarily on the aircraft configuration, the discussion in the following sections will ‘ake place accord-
ing to the configuration catagory. In these sections the problems will be formulated, and the applied
techniques will be discussed.

6.1. SUBSONIC TRANSPORT
6.1.1, WING MOUNTED FAN ENGINE

For these configurations the jet efflur considerably affects the local wing circulation and
shock development due to the large mass flow and close position under the wing. Also the wing pressure
field has a remarked influence on the flow in which the effluxes operate, affecting the shaps of the sonic
line and hence, altering the engine mass flow and net thrust. Therefore more attention must be paid now-a-
days tc these inatallations, than the formerly similarly installed turbojets required.

The jet simulaiion parameters generally are the same as diacussed in section . The main para-
meters are the jet plume shape, jeat cell structure and wave reflections, which can be expressed in terms of
nozele pressure ratio and ratio of specific heats of the jet, assuming convergent nozzles only. However, for
these installations the far jei field is also important. Since the engine mass flow is relatively large the
contraction or diversion of the effective jet stream as felt by the external flow dus to the mixing
effect (jet environment) may heve a marked influence on the pressure distribution on the wing and fuselage,
especially at transonic speeds. Simple analysis neglecting the kinetic energy of the flow with respect to
the sensible enthalpy as a first approximation, shows that the jet mixing has a marked influence o the
effective stream tube area, as may bYe seen in figure 37. In thie figure n is the ratio of the free stroam
mags flow, that has been mixed with tho jet flow, to thig jet mass flow. It must be recognized, however,
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that at a given nozzle pressurs ratio the nozzie mass flow (Avp). decreases as the aquare root of the
(RT). value at increasing jet temperature. This dependence on ( °RT). mainly reduces the effect of jet
tempirature on the effective jet siream tube if the jet spreading wetls to be the same. Furthermore, it

is well imown that the temperature spreads faster due to turbulent mixing than the velocity (Ref. i6),
which means that n should be larger than concluded from equal spreading characteristics. In general it
can be stated that n depends on the detailed mixing of the jet with the externsl flow. Figure 37 can also
be used for the effective jet atream tube near the core region of the jet. In that case the arsas must

be defined as indicated in the accompaning sketch, and n has an approximate constant value of tke order
unity, along the core region. Hence if A!/AJ. < 1 the jet acts as a suction region due to mixing. If

Ax/A j > 1 the externsl flow ig deflected outward and the mixing acts as a source distribution along the

2 jet boundary. In the latter case external gas heating is largor than external gas suction. The limit
3 which the effective stream tube of the jet will obtain at long distances behind the exhaust (n—= o
. is indicated in figure 37 also.

Figure 38 gives results of a more detailed analysis by prof. Ferri of the influence of the
jet properties on the effective engine stream tube due %o mixing. In this case the engine ir.et mass
flow is kept oonstant. The siream tubes have been calculated by assuming constant external pressuve snd
turbulent or laminar mixing. Cases l-la, 2-3 represent tests where an engine simulator is used (seciion
5.2.2.). Cage I represents a turbojet and turbulent flowy Case la, the same case, but with a region of
laminar mixing. Case 2 represents a bypass engine, and Case 3, an engine simulator where the mass flow
of the nozzle is increased to satisfy the condition of equal exhaust area and Nach number, but with
different temperature. Then the inorease ir mass balances the difference in temperature. The dsta of the
engines are given in the figure, Case 4 is a through flow ascelle when the engine simulator is not used.
Then the geometry of the engine cannot be simulated and the exhaust is much larger than recuired for
sinmulation.

It cun be concluded that the mixing along the fan jet bowndary will influense the effective
channel between the lower surface of the wing and the jet boundary and will therefore sirongly influence
the transonic field in this region. This will have influence on the Mach reflections in the fan jet, as
it is a little under expanded in the convergent fan norgle.

From preliminary studies (Ref. 47), utilizing a shaft mounted fan engine nogzzle (similar to
Fig, 24), but with boundary layer suction, blowing under a two dimensional wing, it is shown that the
jet mainly infiuences the wing lower side pressure distribution. The differences in pressure distribut-
ion with raspact to the isoluted wing is, howsver, very large at both sides. From these tests it can be
concluded that the reference aeroforce models tests should inolude the podded through flow nacelles
under the wing, either geomeirically scaled such that the inlet mass flow is too small, or without in-
creased exhaust guch that the inlet mass flow is scaled. The main difficultiy is how to represent the
actual jet flow in the wind tunnel and not to disturb the effects of the inlet mass flow, Various
approaches are in use, of which the most revresentative one is that utilizing the small turbine driven
jet simulatora as discussed in section 5.2.2.

If this facility is not available it is possible to utilize direct blowing of the jets and
do something with the inlet flcw such that the external flow around the fan cowl is best represented. In
. general with fan engines the simulation of fan jet is much more important than the simulation of the

3 primary jet. This has led %o the technique of reference 44 and shown in figure 39 (A.R.A., U.K.). The
bullet shaped body in the inlet simulates the approack stream line on the fan inlet lip. From the
results as determined by preasure plotting it appeared that with respect to the reference flow through
the nacelle the pressure distributions on the wing, pylon and fan and turbine cowl hardly changed by
inserting the bullet and by blowing the fan jet as reference. This means that decreasing the inlet
stream tube considerably did not disturbe the flow field in the wing and exhaust regions subatantislly.
By full blowing of the fan jet t-<« pressure disiribution on the lower side of the wing was affected
marked)y, ns were the pressures . the turbine ocowl. Or the fan cowl only the pressure distribation at
the aft end was affected by blowing. (Aleo the inlet 1lip suotion changed somewhat, but this must be due
to static presgsure changes at the free flow turl ne exnaust resulting in inoreased spillage).

The method of direct blowing of the fan and turbine jets with complete inlet fairing has the
main advantage that both jets can be rapresented as accurately as possible, for example using for the fan
jet cold or slightly heated air and for the hot turbine jet hydrogen peroxids. Figure 40 depiots such &
simlator as used at N.L.R., The Netherlands, where, however, the purpose was to deternmins jet effeotx
(also reating) on the *-._ planes of a small airliner with engine installation at the upper side of the
wing | JFW-Fokker 614)

In genera. tor podded fan angines particularly for wing installed engines, thres components
can be distinguished, namely —_—

Inlet (I), Exhausts (E) and - N
Wing plus pylon (W) for the
. mitual interference problem. /'\
; The question for engine [N
’ similation in the wind tunnel

can then generally .e written

as

a0

==
IN—E~

HI+2) =W}j2 (I~ W] +[E-W]

where [A-~B] means the effect of component A on B with respect to the reference oonditions. Although not
\ prc.n this question can be anmwered positive with good acourscy if cne interference tera on the R.H.S.
is L.all with respect to the other one. From the testa ss depicted in reference 44 and from unpublished
data at N.L.R. it can be concluded that the exhaust interference on the wing pressure distribution is
many times larger than interferenc: from oompletely or partially fajring the inlet, This means that
addition of the interference effecta is probably allowed, making wind tunnel prograzmes much more
easier if no miniature turbine driven simulators are availabie, For tha installed thrust-minus-drag
evaluation the aimilar questiwmn

[{W+1)~E12 [ W E]+[1~E]

mist be anzwered. Also in thiz case separaticn oan be allowed since from mome examples it is indiocated
thet (I~ E|is very weak provided the inlet fairing shupo has ‘osen carefully determined.
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With all these techniques semi-model messuremenis are more easily acoomplished than complete,
sting mounted model tests, and better scoursoy is achieved due to the higher Reynvolds number. The
reflecticn plate boundary layer probably does not intefer significantly, Usually both pressure plotting
snd balance maasurements are used.

In order to determine the jet effeots oa the tail plane of a large subsonic transport at low
subsonic speeds and iarg~ angles of attaock & rather unique complete simulator hag been developed in
Geresny (Ref. 48). Ses t.gure 41, The engine simulators are scparately mounted under a complate aircraft
modil and both the inlet flowe and corrected exhaust flows are simulated. The bypass jet is produced by
an electric motor driven fan, The motor is located inside the nacelle driving the fan with a speed up to
30,000 r.p.m. For the turbins jet compressed air is used. In order to simulate the correct inlet mass
flow an adequate quantity of air is sucked through a slot at the inlet tip. However, for high suvsonio
speeds the fan pressure ratio obtainable would not be swficient «nd the heavy engine mounting struts
could not be allowed.

REAR FUSELAGE MOUNTED ENGINES

The surodynamios of the afterbody of a fuselage ountaining the tail planes will be influenced
by the jet efflux, eithsr by direct impingemernt or by the constraint uf the external flow. 'the influsnoe
of the engine on the wing pressure distribution is mainly caused by the inlet flow. The m~in phenomena
osused by the exhaust jets can be a o in aireraft drag, change in angle of attack of the tail planes
(henoce causing change in pitching moment), surface heating zin oase of direct impingement of the jets cn
for example brake flaps) and nonstaticnary serodynamica (acoustic fatigue).

The basic messuring wnd jet simulation teohniques as discussed in A, also apply in tkis case,
but balarce meesursments seem to be more diffioult. Half model techniques are not recommended, because
the fuselage flow field is unrepresentative in the region of the jet interference with the rear fuselage
due to the reflaction plate boundary layer. Complete modelw require the use of wing stings and rear
fuselage balances or pressure plotting. The air or jet fluid required for the jet simulators must be fed
through the wings, fuselage and strut supports of the simulators to the nacelles, generall, ut high
pressures. If balances have to be bypassed by the jet fluid the system must be located in the fusclag-.
However, in most cirocumstanoces the simulators will be non-metrio and the resa- /.selage, tail planes, and/
or tail brakes will be metric am far as the jet influence is expected.

Figure 42 yields a cross-seotional view of a gasoline-air burner as used in & subsonic wind
tunnel of N.L.R., simulating a low bypass jet engine installed at the fuselage afteni. The aim of the
tests performed with this simulator was to determine the forces (stationary and non-stationary) and heat-
ing of aft fuselage brake flaps under descent conditicns. The jet flow could be well repreasented.

6.2 INTEGRATED AIRFPAME-ENGINE SYSTEMS

The main jet effects on the airframe aervdynamic ocours if the jet nozzle(s) are located up-
stream of the fuselage aftend and/or tail planes. If the norzles form the fuselage aftend, the jet may
cauge effects on the fin and tail planes, for example separation due to pluming. The treatment of these
letter cases is similar to that as discussed in the complete section 5. The jet simulativn parameters are
similar and the technique whioh must be followed to determine the lift and pitching moment increments are
similar to those to determine the afi{erbody drag. In most cases the jet nozzle and engine simulator will
be non-metric and tha sfterbody metric on a multi-component balance. Increment determination from
pregsure plotting is not very attractive due to the large pressure graiients at th. fuselage aftend.

If the nozzles are upstream of the fuselage eftend the jets san have important effects on thc
afterbody and tail plane pressure distributions, and tail piane hinge moments and may cause acoustic
fatigue in the rear aircraft siructure., Theae effects may be partiocularly important when the jets are not
sligned with the body axis. The jet parameters ere similar as discussed beforen, jet piume shape and jet
mixing are probably the main jet characteristics to be simulated. For non-stetionary phenomena and
surface heating, hot jet tests are raguired.

Figure 43 depicts & direct vold zir blowing system for exhaust jet flow simulation on a
fighter type model as used in the U.K. The model is mounted on a standard 6-component balance. Air which
passes up the centre of the sting bypasses the halance through a parallel duct into a plenum chamber ahesd
¢f the balance. From this plenum chamber 4 ducts are fed rearwards into the exit nozzles of the model. The
whole of the tlowing system is e2rthed and flexible seals are fitted betweaen the model jet pipes and jet
shrouds, and also between the model rear fuselage and sting. The latier seals being necessary to eliminate
oross flows within the model. Seal constraint interference i1s moasured by calitration with the model in-
stalled on the balance. Preasure constraints are obtained by section pressuring of the model, The direot
air flow gquantities were about 5 lbs/nc. at maximum pressure ratio. A faired inlai was used for these
tests, with the sffects of inlet spillage and a fully faired inlet being measured in a2 separate test, A
major problem in these tests is the definition of the allocation of seal area between metric and non-
metric mode) parts; small areas in this region can have significant effects on meaaured axjial force.

In reference 49 some results are presented of a gimilar modsl at transonic speeds.

Figure 44 shows another very useful way to simulate the initial part of the propulsive jet
Yy cold air as it was used in the U.K. The jet flow 1s brought up to the model in long thin pipes from
behind the model of a strike-fighter airoraft, A six component balance muasures all the forces on the
model in the presence of the jet flow axcept, of course, the jet thrust and the nozzle base force.
Pressures are measured in the balance cavity and in the cavity formed by the blanked-off intake duct. Thia
blanked~of f duct 13 ventiiated to the annular "clearance" area between the earthed nogzles and the air-
oraft afterbody. his test was extended by measurements representing correct or partial inlet apiilage
with natural blowing exhausis either increased in area or geometrically scaled respectively. The object
of this expsriment was to obtain the effeots of both intake spillage and jet pressure ratio on all the
forces (6 components) messured on the same model. Variation of inlet flow and of jet pressure ratio were
sade separstely. Core was taken to try to isolate the effect of variation of each of these and to mini-
nize spurious effects caused by mis-reprcsentation of the other variable osccurring at the same tipe.

T+ NON-STATIONARY EFFECTS OF JET FLOW

The former sectiomall ooncerned steady flow phenomena ,However fluctuating pressures often oceur
in the exhaust environment.

In reference 50 large unsteacdy pressures are observed on the base of a cyiindrical model due to the
presence of & central jet (Fig. 45). Though the steady component is alreadyr effected by the jet temperat-
ure, the average uncteady part must be strongly depended on jet velosity and therefore on ‘lemperature.
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This is concluded by the authors of refersnce 50 and ho* jet nimulation in wind tunnels is recommended
for similar cases. For many norzle systems, particularly the ejector type nozzlas, interaction ocours
betwesn the internal flow, external flow, and the elastic noztle resuliing in destructive instabdilities.
Fixes have been obtained by trial and error, using comrmon sense., and must be accomplished by asro-
dynsmic means without deterioration of the nozsle performance (Ref. 5] j. Little fundamental knowledge
exists on this pheromenon. The problem is very complex since mutval interagtion exisis between the
nerated sound pressure field., mixing, vortex formation, separation (internal and external), geomeiry
?:ound refleotion) and structural dynamic characteristics. There are several ways in which time
dependent flow man.fest itself.
a) Nach disc oscillations in under—expanded jeis due to the interaction of the generated
sound field and the vortex shedding at the nozzle lips at subsonic and transonic speeds
(often referred to as jet screech).

b) Shock wave oscillations in the external flow as the result of a iarge plume from an under-
expanded nogzle at supersonic speed.

¢) Unsteady separation zones close to the nozzle in the external flow; buffest like phenomenon
that is amplified by the jet-mainstream intaraction. In this case the flow reattachment
point between the jet and ambient is also oscillating in looation.

d) Also the internal flow might separate if the nozzle is overexpanded.

e) For blow-in-door ejectors the flow into the doors might be time varying, either in phase
or out of phase.

?) The nozzle leaves can show flutter like oscillations, partioularly for free floating
diverging leaves of ejector nosgzles.

&) The secondary flow might pulsate due to non-stationary flow in the inlet duct,

Littls wind tunnel data are available on unsteagy nozzle flow effects. Usually this
phenomenon is observed at the free flight trials of the aircraft and is then cured with the real hard-
ware.

8. CORRECTIONS FOR WIND TUNNEL DATA

The balance readings of the metric parts of wind tunnel models must be corrected for non-
representative pressures acting on non-represeniative surfaces. For example in order to determine the
forces aoting on the external surface of the afterbody, the pressure forces at the inner side must be
subtracted. Therefore in order to keep the internal pressure constant a sealing must be applied along the
metric line and as close to outer surface as poesible. Three methods are in uses the very narrow knife-
odge gap (Ref. 32) the teflon seal strip (Ref. 52,53) and the melf rolling seal. The sealing system used
depends primarily on thelocal experience, the stiffneass of the balance and the relaiive elasticity of
the metric compoents. A difficulty for correcting the measured forces is the determination of the effect-
ive area on which the interncl pressure is acting, hence where in the effective mealing line located.

If possible the determination of this effective sealing area should be done by calibration.

The results determined with the test techniques and corrected for non-representative
pressure and friction forces are normally published as they ntand, either in the form of thrust and drag
coefficients (based on maximum cross-seotional arua) or as efficiencies (referred to the thrust of an
isentropic nogzle with the same primary mass flow). Only those corrections, which have been established
firmly in other wind tunnel investigations should be applied. When such corrections are made, a second
set of data should also be compiled without the correction sothat a true representation of the particular
correction may be evaluated by the "experienced" user. In any case the correcticen procedure should be
clearly indicated.

If possidble the exparimental results should be compared with theoretical predictions. For the

1 nozzle thrust prediotions the methods as described in references 19 and 27 for example may be
used if the ratio of specific heats are not matched in the wind vunnel test. If the nozzle in the wind
tunnel model is designed for the V. of the simulating fluid in a similar manner as the actual norzzle is
designed for the rear engine jet fiow, the measured thrust coefficient as determined from the wind tunnel
tests 1v direotly applicable, except for a small correction for the discharge coefficient due to internal
boundary layer effect. Consideration should however be paid to the feot that the ratio of specific hests
{increasen dur:ng expansion and the rate of increase depends on the gas composition end temperature.
Figure 46 gives the inorease in y. versus expansion ratio for actual turbine engine jets, the dscomposit-
ion products ¢f E_O, and of cold 8ir. Also the computation of the ratio of specific heats at high

272 3
tenperatures is not unique. The coefficient of isentropio expansion ) = (6_}:_2)- (where p and p are

normalised values of the total pressure and density of the gas mixture respectively, either frorzen or in
equilibrium) and the ratio of specific heats p =° p/o Y be used as well as the computation from
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(where S: = entropy of species i, x = mole fraction of species i of the ges mixture and R is the

universal gas oonstant). The last equation is derived from the speed of scund definition. he latter
sethod of equating vd is usea in figurs 46. Computer programs for real gas properties are readily avail-
able,

For correction of the axternal afterbody drag Iwo cases can be diatinguished; namely,
ssparated and non-separated externsl flows. If the flow remains attaohad until the noszle edge in the
witd tunnel test, it is not very likely that tke flow will separate in flight, due to the relative thin-
ner boundery layer at full soals. In thoss orses end for axisymmetric ani clean afterbodies the correot-

ion on the pressurs oontribution due the boundary laysr displacement thiokness oan be computed with medern
transonio flow fiald analysis for the full scale and model caxe znd compared with the experimental wind
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tunnel data, likewise the skin friction drag osn be calculated. Suoh a technique is described in
reference 54 and 55 for transonic speeds ani is sucocassful. In these computations the plume is introduced
as & s0lid body for which corrections for mixing along the jet boundary can be applied.

The correotions give large confidence if the ~~perimental results from the wind tunnel can
be correlated or predicted by theoretioal analysis. Th’ alysis is the easiest if the afterbody can be
considered as a slender body sothat small perturhation ...hniques can bs used for the inviscid flow.

The corrections on the wind tunnel data than concern changes in skin friction due to the increase in
Reynolds number for the actual aircraft and changes due to reduced relative displaocement thickness and
entrainment. The performance goals of afterbodies should be the drag of slender axisymmetric bodies.
Figure 47 as given in refererce 49 ghows how the somputed afterbocy drag comparss with the results from
! wind tunnel tests. If this correlation can be achieved, proper determination of correotions for scale
effect should be possidle.
3 : In the case flow separation does occur in the wind tunnel at the afterbody no rules ars
available for proper correction methods, since the extent of the separated region can not be correlated
1 with the scele and boundary layer characteristics (see Ref. 11), For separated flows isolated tests with
3 limited forebody length yielding simlated relative boundary layer thicknesses probably will yield the
best uncorrected results. If zpplicable the teast data should be compared with the empirical afterbody
drag estimation as given in reference 56 for supergonic speeds. If this estimation is close a hot jet
correction faotor (change of ¥.) may be computed for which the reliabiliiy should be checked.

In general it can Jbe stated that only little is known of Reynolda number, boundary layer and
mixing effect on the afterbody drag and nozzle thrust, except for some schematic configuratione and that
more work is needed in this area, In reference 57 a selection iy made of the best suitable methods for
predioting the thrust and drag of isclated axisymmetric nozzle installations at subsonic, transonio and
supersonic speeds, covering external flow problems, internal flow problems, exhaust plumes and base
pressures.

9. FINAL REMARKS

From the review as given in this lscture it can be conoluded that there exists no unique
methcd which can be used to predict exhaust-airframe phenomena (and hence afterbody and nozzle
performances) from wind tunnel tests. The chosen wind tunnel set-up is strongly influenced by the re-
quired accuracy, phenomens looked for, existing wind tunnel facilities and looal cxperience. Particular-
1y at high bypass ratio engines and transonic speeds the existing testing techniques should be improved
and more information is necessary on primary jet flow parameters to be simulated in the wind tunnel.
This lecture did not consider engine integration tests of V/S.T.O.L airplane models in the wind tunnel.
In the future when these airoraft come in a more developmen: stage the wind tunnel test requiremsnts will
probably be even more severe as they are now at the higher speed regimes, since other phenomena (such as re-
ingestion will be involved, and the data are- related more to safety rather than to economics and
performance. k
Since much informatiun in this lecture has been taken from the AGARD Ad-Hoc study as mention-
ed in the introduction, the author expresses his gratitude to those groups which supplied information 1
that has been used.
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SUPEPSOMIC NOZZLE

Fig. 12 Pointg of separation .-termined by mixing.
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Mg, 15 Effect of mass injeotion at the base
on the base pressure ut supersonic
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INSTALLATION IN SUPERSONIC TUNNEL My, = 1.8 - 3.0
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DYNAMIC CHARACTERISTICS OF ENGINE INLETS

Dr. Demetrius Zonars
Chief Scientist
Alr Force Flight Dynamics Laboratory
Air Force Systeas Command
Wright-Pattarason Alr Force Base, Ohio 45433

SUMMARY

This paper discusses the phenomenon of inlet random preseiure fluctuations and its effects on
reducing the etall margin of turbojet engines. A review is accomplighed of the TP-30/F-111 compatibility
study over the past several years. The TP-30/P-111 portion of the paper assesses the practicality of
utilizing steady state and instantaneocus distortion factors to determine inlet-engine -~ompatibility. 1In
addition, vecent sdvances in inlet research configurations with associated steady state and dynamic dis-
tortions are presented. Finally, a complote random data acjuisition, editing, and processing method is
developed for accomplishing data analysis as an inlet diagnostic tool.

I. INTRODUCTION

distorically, t'.e engine inlet has played a secondary role in the design and development of
aircraft. However, recent flight vehicle operational experience has shown thLa need for proper integra-
tion of the alrfrume and propulsion systems to achieve trouble free and effective flight performance.
Specifically, engine compressor stalls have been associated with complex, distorted inlet flow fields.
Development emphasis of the inlet system cannot be overlooked since this component is of primary import-
ance in the thruat producing mechanism for transonic and supersonic flight. The detalls of inle: systems
involve major geometrical variations which must function efficiently in a complex, changing flow environ~
ment dependent upon Mach number and aircraft orientation. These circumstances have emphasized the need
for graater uaderstanding of the airframe induced flow fields and how these fields interact with inlet
systens.

In the past, the inlet and the engine have heen developed on a component basis. Emphasis
was placed on the inlet system to generate the proper pressure recovery with an acceptable steady-state
distortion. The experience factor of current day aircraft clearly indicates that the flight vehicle per~
formance, inciuding stability and control must be treated on an integrated basis with due consideration
for the large variations of inlet airflows. Experience has also taught us that a substantial simiiarity
cxists between the characteristics of the captured flow and the resultsat flow to the compressor face.
Since the inlet operates in an external flow environment which : . strongly dependent upon the shape of
the airframe, it behooves engineers to examine such influences as sensitivities of inlets to local flow
angularitfes and nonuniformities of the oncoming flow,

II, PF-111 FLIGHT EXPERIENCES

Advanced tactical aircraft are required to perform a rumber of missions which denand a high
degree of airframe propulsion integration including low flow distortion over a much larger rarge of opera-
ting conditions (Mach number, altitude, angle of attack, engine mass flow) than previous supersonic tacti-
cal aircraft systems. Requirements for maneuvering flight in a Jow dvag configuration necessarily implies
hish angle of attack flight attitudes from subsonic to supersonic speeds in excess of Mach number 2.0.

It has been,therefore, quite natural to utilize an inlet design for the F-11iA which takes
advantage of the flight vehicle fuselage and wing to reduce the effects of angle of attack and angle of
yav during maneuvering flight. The F~111A inlet shown in Figure 1 is an external compression 88 degree
segment of an axisymmetric fnlet which is integrated with the airframe fuselage-wing root intersaction.
Locating the inlet in the winz-fuselage flow field alic provides precompression for the inlet flow in
supsrsonic flight which means that the inlet capture area is reduced from that required at free stream
conditions. Further, a significant vahicle weight savings is realized by integrating the supporting
structure of the inlet and relstively short duct with the vehicle structure,

The spike system of the inlet translates fore and aft and the second cone angle varies with
flight Mach number and angle of attack to vary the inlet throat area. Each of the inlets is matched to a
Pratt and Whitney TP-30-P-3 afterburning turbofan engine. The modulated afterburner improves the tactical
ability of the F-111A by providing a variable thrust output in afterburner mode upon demand b the throttie.
Thererore, in addition to baing closaly integzrated with the airframe, the F-111A inlst system is closely
integrated with the engine to accommodate variations in aixflow demand during engine trans‘ent operation.

During prototype flight tests of the FP-11JA, it bacame apparent that the desired flight
anvelope was restricted. Maneuverability of the aircraft at high subsonic speeds and supersonic speeds
was being limited by a rapid buildup of steady and dynamic inlet flow distortion resulting in engine cou-
pressor stall. This incompatibility of the inlet and engine in the P-111A aircraft was the impatus for s
comprehensive evaluation of flight test and wind tunnel data to identify the causes of the compressor
stalls and define modifications tu the inlet system to reduce the incidence of compressor stalls in both
steady state and maneuvering flight.

In order to identify problem areas and suggest modifications to improve the inlet system
and its compatibility with the engine, the inlet of a prototypz airplane was equipped with dlagnostic
totsl aud static pressure instrumentation in the inlet and engine. In addition, the engine compressor
face was equipped with 40 total pressure probes in centroids of equal areas to map the total pressure
pattern entering the fan and low pressure corpressor of the engine. There were eigiit rakes with f.ve
probes per rake.
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FIGURE 1. AFT VIEW OF TYPICAL P-111A INLET

Initially, & theoretical study was undertaken to determine the anticipated ateady state dis-
tortion at the compressor face during supersonic flight. The purpose of this study wss to compare such
informetion with simtlar 1/6 sczle wind tunnel and actual flight tust data and thus provide insight as to
trouble areas resulting from specific theoretical-experimental differences. The conditions of Mach number
2.2 and ungle of attack of 5.5 degrees with an initial inlet cone angle of 12.5 degvees and second cone
angle of 24 degrees was chosen. The theoretical approach first consisted of estima. ing the Mach number
aft of the conical vave system resulting from the fuselage-wing glove intersection. This yielded a Mach
nunber 2f 2,08 wherein the fluw field was assumed to be uniform to the inlet. An exact Taylor-Maccoll
soluiion was develoned for the initial conz angle with subsequert ugse of the method of characteristics to
generate the flow fiald about the second cone. A normal shock wze then aceumed at the entrance te the
cowl lip. The resulting isohars for this 88 degree inlel segment were then uniformly expinded into a
circunferential profile at the compressor face. A plane of symmet:y was assum=d half way betwean the
88 degree sector of the inlet system, The total pressures resulting from such calculations were plotted
and compared with thoae of the 1/6 scale wind tunnel and £flight case. Figure 2 shows such a comparison.
The wind tunnel and flight data showel a remarkably similar profile, howCver the comparison with theory is
undorctnndab'ly different due to the absence of viscous effects. More importantly, the main difference
stezs from a clearly identifiably low energy area on the inboard, lower portion of the compressor face
which is quite different than tha predicted by the inviscid theory. It was therefore clear that an
irvestigation shculd be undertaken to survey thes oncom’ nd duct flovw relating to this portion of the
entire airflow. Values of steady state distortion are .sv presented as derived from the expression KDA
as follows:

P -P
Cav tmgn_ &c
P 171

i1 tav

C
ix t

C = ratio of compressor inlet vadius to ring radius

i = naumber of ring

@ = largest continuous arc of the ting over which the total pressure is bslow the ring average
yressure

P_ = ring average pragsure

rt s ring minimum totel pressure
nin
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Here again, the low theoretical !&)A value is due to the absence of the low, inbosrd impact presaures and
the inviscid assumptions.

In the analysis of the flight test data taken with this instrumentation, several approaches
were emplcyed. First, compressor face total prassure maps were compared, which showed the changes in
flov distortion as a compressor stall condition was approached. Although this unalysis indicated a low
total pressure region on tha inboard side, the rasults were inconclusive and so time variations of data
from other sets of instrumentation further upstream in the duct were examined for many stall sequences in
order to identify problem aress in the Inlet flow field as they developed. From the time sequence plots,
selected data for a particular time cut were used to define duct static pressure distributions or boundary
layer total pressure profiles. The static pressure distributions were used to locate shock wave positions,
indicate boundary layer blied effectiveness, estimate stream velocities, and indicate regions of separated
fiow. Total pressure profiles ware used to define regions of low energy flow ahead of and in the imlet,
and to indicate vegions of separated flow. In a parallel study coordinated with this quasi-steady data
evaluation, the dynamic pressure fluctuations indicated by traces from the flight telemetry and magnetic
tape output of the individual probes were being carefully analyzel. Under certain flight condiitions, the
traces indicated extreme "turbulence" at the compressor face. ”his was known to cause a loss in engine
gtability in other engines as reported by Gabriel, Wellner and Lubick™ and was felt to be a coatributory
factor in the stall problems of the F-111A, Although & complete correlation between quasi-steady flow
distortion and dynamic pressure fluctuations was not undertaken, it was realized that there was a cause
and effect relationship between these two types of distortion and the approach was to addrees the cause
of unsteady and non-uniform flow in the inlet and attempt to eliminate it. A corresponding reduction of
the severity of the dynamic-pressure fluctuations (dynamic distortion) would be expected, but it was

imporcant to know the relationships between steady and dynamic flow to the limits of the instrumentstion
aignal available.

THEORY FLIGHT

ﬁ LEFT HAND ENGINE LOOKING AFT

PARAMETER THEORY WIND TUNNEL FLIGHT
AIR FLOW, LBS/SEC. 168 168 162
<HHH+ AVE. RECOVERY PRESSURE RATIO %.8 8 87
DISTORFION FACTOR, Kpa 100 383 &

FIGURE &, COMPARISON OF F-111A COMPRESSOR FACE TOTAL PRESSURES FOR MACH NUMBER 2.2 ANU AN ANGLE OF
ATTACK OF 5.5 DEGREES

III. ¥-111 INLET YAESSURE FLUCTUATION EFFECTS

The effacts of transient disturbances, or more specifically, the fluctuating nature of the
measured total pressures at the compressor face were considered to have a strong influence in the stall
properties of the engine. This influence and ccrresponding effect were considered tc be above thc accept-
able steady-state distortion which could be accommodeted by the sngine. The flight regime in which this
phenomenon commenced was found to be at low supezsonic speeds, with increasing disturbance intesaity as
a function of increasing Mach nuiber. These disturbances exhibited a wide range of amplitude-frequency
conten: showing both slow and rapid transients. The slow transisnts could possibly be compensated for by
inlet and engine controls. Yor such low frequency disturbances, engine performance is basically similar
to steady-state oparation since normally, the outlat pressures will follow the inlet flow variations in
msgnitude snd phase guch that th over-all compressor pressurs ratio will remain the same. However, the
@rjority of actual transient disturbances and total pressure fluctuatious wers found to be significantly
faster than any of the aforamzentioned control capabilities. Undsr these circumstances, specific outlet
pressures lag ths inlet pressure variations in both amplituda and phase. Consaquently, the pressuxs ratin
acrose the compiessor can differ considerably from the stesady-state velue on the operating line, and con-
Jitions can ba reached vherein compressor stall margin reduction and even stall will be experienced. Data

from reference 1 has shown this to be the case for a simply induced sinuscidal pressure variation inmput
£0 a compressor.

It is important to note here that the origl.al compressor face total prassure instrumentation
on the prototype test aircraft was never intended for the accurate messurement and analysis of transient
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disturbances. Hence, an effort to correlate transient disturbances with the lower frequency average
values of the measured total pressures to the compressor face required special data reduction methods.
Total pressure readout from flight magnetic tapes at conditions appropriate to engine stall were first
identified and then processed through narrow band pass filters by the Field Measurements Group of the
Air Force Flight Dynamics Laboratory., Figure 3 shows two typical frequency spectrums obtained from the
filtering process of the flight test data wherein 85.55 inch long pressure carrying lines were provided
between the pressure probes aud the transducers. At first glance, the higher amplitude data would appear
to occur at the lover frequencics; however, the utilization of 85.55 inch lines (tubulation) for ateady-
atate pressure measurements suggested the possibilities of transient signal attenuation to the transducer
due to classical acoustic type dissipation. In order to correct for this tubulation effect, an experi-
mental program was undertaken by the Aero-Acoustics Branch of the Air Force Flight Dynamica Laboratory to
apply corrections to the measured pressure variations for conditions just prior to engine stall.
Theoretical predictions were provided by Air Porce Aero Propulsion Laboratory personnel. Figure 4 shows
the nature of the amplitude corrections as a function of frequency when examined for an average pressure

of 14.7 psi and varying temperature. The experimental data taken at room temperature showed excellent
agreesent with theory.
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AMPLITUDE-FREQUENCY SPECTRUM CHARACTERISTICS

Many supersonic flight conditions associated with engine stall were examined with specific
emphasis on the high frequency aepects of the transient disturbances. Multiplexing of the instrumentation,
as is normally accomplished on t:st aircraft for measuring steady-state parameters, was found tc have a
strong influence on the high frequency transient data. In an effort to isolate these effects, several
flights were performed involving a minimum of multiplexing with a 15 inch line replacing one of the 85.55
inch lines for reduced tubulation eifects., A comparison of pressure transients in a 85.55 inch line with
multiplexing versus a 15 inch length tubing with minimal multiplexing is shown in Figure 5. Above
approximately 250 cps it can be seen that the high frequency transients recorded with the 85.55 inch line
were due to multiplexing, and not present except for some disturbances in the 525-660 cps range. It was,
therefore, dezided to utilize 0 - 250 cps frequency range for data analysis when transient data was sub-
ject to multiplexing, and O - 1000 cps for the data with minimal multiplexing.

AIRCRAFT NO. 18, Mo-Ll.G°Al°, 86" TURE, MATIMEXID

PPOD) | gmcrart MO, 14 Mp218, 0ts.T' 157 TUBE, SINGLE CHAWEL

0.2
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’s 0.1¢

0 A H
10 100 1000
FREQUENCY ~ CYCLES / SECOND

FIGURE 5. COMPARISON OF P-111A TUBULATION

A specific comparison of stealy-state compressor face recovery pressures with corresponding
transient disturbsance velues obtained from flight is shown in Figure 6. The oscillatory or transiert
pressure data is based on 0 to 250 cps as discussed above. Figure 6 shows, generally, that the high,
steady-state recovery pressures corresponded to areas of reduced transient or oscillatory pressures,
vhereas low recovery prassures related to regions of higher transient values. The region in the lower
left-hand corner of the oscillatory pressure map was of particular interest. This area of highest tran-
sient disturbance values corresponded directly to the lower left-hand portion of the inlet which was most
susceptible to boundery layer ingestion. In addition, the steady state analysis from flight demonstrated
the upward spreading of low total pressures from the hottom of the sharp cowl lip with increasing angle of
attack. The data of Figure 6 would indicste that,in sddition to being of a very low recovery nature, this
portion of the flow possessed a high degree of flow unsteadiness sufficient to cause engine stall.
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FIGURE 6. F-111A COMPRESSOR FACE STEADY-STATE AND OSCILLATORY PRESSURES

The tcansicnt disturbance analysis for all 40 compressor face pressure measurements for s
particular stall condition would have required a prohibited expenditure of manhours and it was, therefore,
decided to use an available single pitot tube of 15 inch tubulation to examine the fluctuating nature of
the duct flow. Figure 7 shows the effect of angle of attack on the dynamic characteristics of this prche
at a constant My = 0.77. Although many discrete frequencies wure identified from the spectrum analyzer
output, specific frequencies of 130, 230, and 525 cps appeared to persist with relatively high umplitude
for this test condition, which was at a military power engine setting. The amplitudes of these particular i
frequencies appeared to be fairly constant up to moderate angla of attack with a tendency to converge and '
further increase in amplitude at higher anglcs of attack until engine compressor stall was experienced.

Also shown on Figure 7 are the effects of first zone afterburner operation for cruise angle of attack.
7he amplitude associated with 130 cps was found to change a small amount, however, there was a substantial
amplitude increase in the 230 and 525 cps frequencies.

The condition of aircraft accelerarion for cruise angle of attack at maximum afterburner power
was examined with results as presented in Figure 8. Here again, the influence of afterburner operation is :
shown {n the amplitudes of the 240 and 525 cps frequencies for transonic flight condi:ions. However, 3
amplitudes at these frequencies decreased with increasing Mach number and corresponding decreases in i
corrected air flow up to approximately Mach number 2. Beyond Mach number 2, there was & dramatic increase {
in all three amplitudes up to Mach number 2.2 where engine stall was experienced.

Prom the quasi-steady and transient disturbance data studied during 1967, it was clear that the i

engine compressor stall characteristics were strongly influenced by inlet pressure pulsations at high fre- :
quencies and this effect must be considered in conjunction with the "steady state" distortion. N
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¥ IV. DETAILED STUDIES OF F~111A INLET AND ENGINE AIR FLOW PLUCTUATION EFFECTS

4

s

. Subsequent to the initial study of the F-111A inlet-engine incompatibility effort discussed in

¢ Section III, a limited number of investigations 276 have been carried out in order to shed light on thie

important problem area. A typical example of one of th: more significant and recent programs was reported
by Plourde and Brimelow/. In this effort a fan and low pressure compressor of the Pratt and Whitney Air-
. . craft TF-30 turbofan engir.s was selacted as the test article to study the effects of "turbulence" on

: engine stall mergin., Figure 9 shows a schematic of the TF-30 3-stage fan and 6-stage low pressure com-

3 pressor system., The forward section of the compressor was -onnected to a "turbulence" generator duct
utilizing a couvergent~divesgent device. Figure 10 shows a cutaway of this "turbulence" generator which
included a movable plug cuier-body followed by a constant area duct. The purpose of this plug was to
develop a sonic throat followed by supersonic fiow and a normal shock system. The interaction of the
shockwave with the duct boundary layer generated the fluctuating or "turbulent flow" conditions. The

3 "turbulence" generator included a section just ahead of the compressor wherein a variety of stream

3 obstructions such as 1/2 inch rods or 3 inch pipes could be placed in front of the compressor face to
further increase or change the "turbulence" spectrum, Figure 11 shows the 3 inch rod systenm.

High frequency response pressure transducers-were used to measure both static and total pressures
at the compressor face. A typical inlet rake and total pressure probe utilizing Kistler transducers and
low frequency response sensing tubes is shown in Figure 12. These total pressure rakes were positioned
around the rompressor inlet at 0°, 45°, 135°, 225°, 292.5°, and 315° when facing upstrean.
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FIGURE 8. TF-30 FAN AND LOW PRESSURE COMPRESSOR SYSTEM

The power spectral densities resulting from the turbulence generators along with the spectra
produced by the 1/2 inch and 3 inch rods is shown in Figure 12, The installation of the 1/2 inch grill
system generated a fairly flat spectrum over the entire compressor face. The spectrur establighed from !
tha 3 inch rods contained discrete frequencies as a result of shed vortices which were not yet dissipated
to small scale "turbulence."

1 The effects of unsteady flow on compressor pezformance is now assessed. Gabriel, Wallner, and
Lubfck™ first showed that a sinusoidal varying plane flow displayed detrimental effects on the compressor
stall characteristics. In addition, their analog simulation of a turbo~jet axial flow compressor utiliz-
ing volumetric dynamics and steady-state total preassure air flow relationships was sufficient to estab-
1fgh the unstaady flow characteristics through an engine. A comparison of the analytical procedure with
experimant showed excellent agreement. Now, the effects of "turbulence" can be described by an instan-
taneous spatial pressure distortion which is a function of pressure variation in amplitude and geometric
location of the psak to peak pressurs regions over the compressor face. The effecte of this "turbulence"
on the compressor performance, is shown in Figure 14. Base line characteristics for the compressor per-
formance ware datermined from bellmouth tests and are so indicated. The unmodified "turtulence" generator
characteristics (in other words, without. the 1/2 inch and 3 inch pipe or other grill installations) showed
a veduction in primary airflow, and more importantly a reduction in the stall line. Figure 14 also shows
the effects of 1/4 inch and 3 inch pipe installations. As expected, further decresses in pramary flow
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were experienced along with some reduction in the operating stall line.
J compresgsor surge line as a function of “turbulence" level intensity.
i « mpressor stall is related to instantaneous spatial distortion.
{
3

Figure 15 shows the loss of
Here it is clearly shown that
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Today, there are a number of different theories advanced by numerous investigators to predict
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cemda e

compressor stall. One effective method of describing the phenomencn i1s an instantaneous spatial distor-
tion pattern. That ig, although the time dependence of tiie fluctuations at a point is important, this
effect may be approximated by the instantaneous spatial variation. With this assumption, the description

of "turbulence" reduces to a weighted spatial integri.ien producing an instantaneous distortion parame;er
vhich can be used to correlate the effects of “turbulence.' The instantaneous distortion parameter Kg
is expressed as follows:

where

Q=

number of pressure instrumented ring
diameter of the pressure instrumented ring

average inlet velocity head at compressor face

av
A= \]a?+ 02
n n
8 = circumferencial angle

P (6)

P
-7 av

P, (8)

1
b-lf =
nn t

- av

cos ntd0

sin n6do

with

1

- lizulcos 9+ a, cos 28 + ... a cos n® + b, sin 8
t n=
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and
Pt = impact pressure

P: = average impact pressure
av

Correlation of the computed instantaneous circumferential distortion parameter with experiment is shown
in Figure 16. This figure shows reasonably good agreement between computation and the varjous configura-
tions employed to develup "turbulence'.

Recently, Burcham and Hughesa have modified and utilized the Pratt and Whitney digtorcion
factor fov predicting surge. The engine compresaor face was sub-divided into 5 equal areas through con-
centric circles or rings., Probes were placed on rings which were maintained at & constant -adii from
the compressor centerline. The modifiad KDA distortion parvaueter was cdefined as follows:

Kou™ (&)
where
C = ratio of compresgor inlet radius to ring radius
i = number of ring
X largeat continuous arc of the ring over which the total pressure is below the ring average
pressure
Pc- ring maximum total pressure
max
Pt- ring average pressure
av
P = ring minimum total pressure
t
min
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1n this specific effort a flight test F-1llA aircraft was utilized to determine the dyramic nature of
inlet pressure fluctuations related to engine operational stability. UDerived steady state flow distor-
tion patterns as developed from low responae pressure instrumentation were compared with both the KB and

aistortion parameters calculated from high response ingtrumentation. A typical comparison is shown
inurigure 17 for the flight case of Mach number 1.6 at an altitude of 45,000 feet with off -design inlet
spike position. Here it is clearly seen that the low response data technique functioning at a sampling
rate of 50 cuts per second did not yield information indicative of the compressor stall. On the other
hand, utilizing the higher response data technique and calculating either the K? or K, distortion
pararetzr at 400 samples per second did yield a substantlal peak approximately § milligseconds prior to
surge. Figure 18 shows a time history of the probe data and distortiou factor for Mach number 2.17 and
an altitude of 44,000 feec., Probes A and B show increases in pressure as the stall condition is
approached whereas probes A™ and B* are decreasing and hence result in a maximum distortion value. It 1is
interosting to note that the instantaneous pressure recovery map shows a largar high pressure area along
with a more lutence low pressure area.

Figure 19 shows the surge characteristics for transonic flight at Mach number 0.9 ard
30,000 feet altitwde. This particular stall occurred as a result of the off-design conditions of the
inrlet ccae and 1s generally recognized as a "drift" type of surge. This is demonstrated by the fact
that peak values of the distortion factor occurred several times during the time period examined.

The modified distortion parameter as developed by Burcham and Hughes8 was found to be
approximately £0 percent effective in identifying surge when dynezic conditions prevailed within approxi-
agtely 90 percent of the maximum sieady state distortion value. Weedless to say, edditional information

+10 and more ¢xacting methods must be developed to predict engine instability due to dynamic inlet
conditions.
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FIGURE 189. COMPARTSON OF AVERAGE RECOVERY AND INSTAN-
TANECUS RECOVERY MAPS WITH Kps. F-111A FLIGHT CONDI-
TIONS; MACH NUMBER = 0.9, ALTITUDE = 30,000 FEET AND
OFF-DESIGN SPIKE POSITION

V. ADVANCED CONFTGURATION STUDIES

Airframe-propulsion compatibility has become a critical problem area for both commercial and
militaxy high performance aircraft. Classically the solution to overcoming the problem of compressor
stall has been through reduction of the pressure distortion generated by the inlet and increased distor-
tion tolerance of the engine. Intensive efforts are prescncly underway in ground and flight test facili-
ties to understand the effects of coupled steady-state and dynamic inlet distortion. Also, considerable
re. earch is being directed toward the cause and effect relstionship of non-unitorm flow fields entering
the inlet gystem of turbo-jet engines. Many of these flow field examinatjons show lccal angles of attack
and yaw which far exceed aircraft actitude values. Inlet designers arc presently faced with a very diffi-
cult task to match inlet geometry with the large variatfons in flow conditions developed about many
reasonable airframe geometries, 1rlow field studies will continue on many airframe configurations to
detexmine optimum filet positioning.
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FIGURE 20b. REPRESENTATIVE CONFIGURATIONS FOR FOREBODY FLOW FIELD TESTS

More recently the Air Force ¥iight Dvnamics Lahoratory hag undertaken a numter of programs to
investigate flows about fuselage and wing-fusejage combinations throughout the subsonic, transonlc and
superscnic speed regimes, The objectives of these programs are to develop a clear understanding of inlet-
airfrsme interactions and,more importantly,to attain an experimental data bauk and corresponding analyti-
cal approach for assessing the dynamic phenomena associated with engines and inlets. The Laboratory has
initiated project Tailor-Mate in order to exanine the effects of configurution varfations on flow field
dynamica and relatad effects to the engine system. Figures 20a and 20b show a typical 1/3 scale wind
tunnel model along with various aircraft cenfigurations studied. Configurations A-1 and A-2 are examples
of side mounted type inlets whereas A-3 is an example of & fuselage shielded inlet, and wing shielded
inlets are shown by configuratione B-~3 and B~4., OCne quarter gcale fuselage wodels ware coastructed for
wind tunnel testing purposes with appropriate fuselnge static pressure distributious, boundary lsyer
mzasurenents and more importantly, the dynamic nature of the flow fields at the proposed inlat stations.
In addltion to the flow field measurements made in the area of the entrance to the inlet, two side
mounted snd two shielded external compression inlets were “ailored for the flow fields defined by the
forebady as shown in Figure 21. The detailed instrumentatiaon fer such a duct system is shoewn in
Figure 22. Instrumentation was utilizec to document ikha inlet performance and included static pressure
rakes near the cowl lip, in the diffuser and at the simulated compresssr face. It 1s important to note
that the compressor face instrumentation contzined high responss type tranaducers to ideniify the fluctua-
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¥ tion nature of the {niet flow. Figure 23 shews the results of wind tunnel tests for the four configura-
' ?;’ tions mentioned. These tests were performed at Mach number 2.2 with varying angle ol attack. Figure 23

13

shows both wing shielded inlet systems experienced lower distortion as indicated by the simple distorticn
inder along with low “turbulence" as a function of angle of attack., As might be expected the side E
mounted type of inlets experiencel higher distortion with correspondingiy higher iadices of "turbulence." 4?
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FIGURE 21. NOUENCLATURE AND COMPARISON OF FOUR (4) INLET DESIGNS
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The iumportance of the f;o it znierated Ly the forebody of the fuselage has been pointed out
by Surber and Steva:l and ZonarslZ « :uple of such sensitivity 1s shown in Figure 24 whercin the
side mounted 2-dimensional inlet o - . v 4-1 was examined in conjunction with body A-2. This figure

ghows the vastly different characteriotl’c of distortion vs "turbulence." Surprisingly enough, the small
change in centour of the A-2 fuselage was found to have a substantially better characteristic than A-1.
This is undoubtedly due to a lower local outwash aad hence a reduced tendency toward flow separation on
the inboard sic of the inlet. In the evenu the desi~ner is confined to the A-1 inlet configuration and
cannot readjust ..z body contour as shown by' the A-~2 characteristics, he must then look for other means
by which he can suppress both the ste: ’y state and "turbulent" distortiun. A longer Inlet duct has a
surprisingly favorable characteristic as demotec in Figure 25. There is a congiderabl: reduction in both
distortion parameters which puts the operational mode of the intet well within the stable bounds of
engine operation.

FLOW
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FIGURE 24. J(NFLUENCE OF FOREBODY CONTOUR ON FIGURE 25. FFFECT OF LONGER DUCT ON SUPPRESSING
ENGINE STABILITY AT MACH NUMBER 2.2 STEADY STATE AND "TURBULENT! DISTORTICN

VI. DYNAMIC DATA HANDLING TECHNIQUE

Among the problems that exist in handling dynamic data are the tremendous quantities of analog
data tapes generatea during inlet development programs and that past efforts to analyze dynamic data has
depended heavily upon what has been seen relative to the behavior of the steady state or zverage compon-
ent of compressor face total pressure. As a cousequence, only abort one percent of the data is actually
examined since considerable digitization is required to review one case. More specifically, the area of
iuterest centers on the analysis of the dynamic or fluctuating component of total pressure measured at
the compressor face plane of a trisonic type inlet. The pressures are measured by means of fast response
instrumentation located in rakes radiating from the hub. This d~ta is recorded on anaiog tape and repre-
sents the beginning of our problem.

The solution to this problem has been to develop et analog editing system for screening and
editing inlet dynamic data based on the use of engine distortion parameters. As a result, "arge quanti-
ties of taj 2 can be scraened and those parts ¢ the data identified which would have adverse effects on
airframe-propulsion compatibility.

A typical Air Force Flight Dynamics Laboratory inlet program consists of 5000 data points
wherein one Mach number, angle of attack and yaw, and capture area ratio cumprises a single data point.
At least 200 feet of tape ace used for each data poinr and as a result, it can be seen that about 10 reels
of tape are required for a pro, 'am of this magnituds. For 2 more extensive inlet dev:lopment program,
such as asso.iated with advance. flight vehicles, as many as 500 tapes are -equired. In any event, the
data of interest : contained on only about one rercent of the tape which is not necessa~sily the same
one percent of ta.: mentioned previcusly. The ;:inciple ¢uestion that arvises is how Coes one expeditionus-
ly and economica.:y locate the data of interest?

In the develcpment of the analog editlng system,certain pcals were establiished. First, it vas
degsirable to utilize parameters involving all the compressor face steady-state and dynamic data which had
a direct relationsnip to engine stability. Second, a scheme was desired that would ideantify high levels
of dynamic flow activity on the tapes and where this event octurred. Thira, a fast response capability
was a requiremeut fn order to :ccount For model! scale, Fe: example, if a particular engine is sensitive
to pressure fluctuations up to 200 :vcles/second, and the inlet wind tunnel model is one-tenth scale
then valid data out to 2000 cyclcs/second is required fror the model. Model scaling characteristict have
beea hypothesized by Sheraaa and Hotyc'al3. Fourtl.,, a deslrous capability was to use more than or.: pars-
meter in the screening process to determiie which was most meaningful and acceptable and hence avoid tape
ra-runs. Fifth, the system ghould be tlexible to permit digirization of dats and possess a dara playback
capability at the recorded speed.

Among the parametecrs selected for data screening was “te Pratt & Whitney engine dirtortion
parameters Kg, Kpap and Kj which have beer formul *e1 on the b: .. of experimental dats. The expressions
show: below, which in part relates to Equation 2, describe the level of uistortion associated with a
particuiar cowpressor face pattern.
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K, = Kg + bKp, o (4)
S Y S )
Q D i=1 : A
[ av 3 i
where

b = constant depending on engine design and entrance Mach number
x = weighting frctor depending on distortion sensitivity

Kg describes the influences associdated with a circumferential distortion pattern while K describes the L
pattern variation associated with radial distortica. When a combined pattern exists, which is typically

the case, K, and are added together in a weighted manner to form K,. in addition to the Pratt and 3
Whitney parameters, a set of General Electric engine distortion parameters have been programmed. These
expressions are used to identify high levels of dynamic activity in the air flow process. These data are
subsequently subjected to further analysis which in turn aids in determining the necessary modifications
required to alleviate the compatibility problem.

The dynamic data screening device or system was developed jointly between the Air Force Klight F
Dynamics Laboratory and the Aeronautical Systems Division Cofputer Center using a hy.rad computer. This
program was initiated in January 1970 by Sedlock and Marou, *4 with the acquisition of a 72 chunnel multi-
plex discriminator system, a 14 track direct playback tape trzusport, tape search unic peak detectors,
and a 48 channel data filtering system. The complete system shown in Figure 26 became opcrational in
July 1971, The system described above i3 similar to that developed by Crites and Heckartl’, Criteslf,
Lynch and Sladel? except for the added flexibility due to a hybrid computer capability.

CAadal K

The current status of the Air Force Flight Dynamics Laboratory system is that both General
Electric and Pratt and Whitney engine distortion parameters have been programmed on the computer and up
to {ive parameters can be tracked simultaneously with an order of priority established for each paramecer.
The primavy requirement of the system is to identify dynamic peaks and the time of occurrence. The reso-
lution of the tape search unit permits identification of the peak value within one millisecond. Center
frequencies used in the discriminators have been selected for greatest compatibility with those being
used by USAF and contractor facilities. The dynasic data can be filtered from 125 to» 9000 cycles/serond
in six discrete increments in order to account for model scale and filtering of eny unwanted high
frequency information sucii as probe resonance. Both the engine distortion parumecers and pressure data
can be digitizea at various sapling rates.

ara Kms

| HYBRID COMPUTER :
FM MULTIPLEX ANALOG | DIGITAL
DISCR|MINATOR » FILTERS - ,%
SYSTEM LINE |
PRINTER j
| PEAK
| TAPE DECK DETECTORS ‘
- j
* MAG
IAPE ! TAPE
SEARCH
UNIT _

FIGURE 26. DYNAMIC DATA SENING AND EDITING SYSTEM

Our past and current efforts have included revie:s of the compatibility points in the B-1 Inter-
face Control Document and the Arnold Engineering Developuent Center 1/10 scale inlet test data. In addi-
tion to contirued support of the B-1 program, data from the RA-5C wind tunnel-flight test correlation and
Tailor-Mate prograws will be reviewed.

McDornell-Douglas pergonnel 16 bhave developed a screening system for use during the F-1i5 inlet
development program. In examining this capability *o review dynamic data based on conventional means it
was estimated that six menyears and one mlllion dollars wei. required to review one percent of a 250 date
point program which represented some four million pressure distributions. The development of an anaiog
editing system reducs ' this task to six weeks with lcss than 1000 feet of tupe to be examined. OQur own
experience lias ghown .i.st ore reel of tape containing 30 data points can be examined in approximately one
hour. To accomplish the same tssk with a digital compnuter would require 15 hours to digitize che data
and approximately 20 hours of computer time to process the infoimation. This estimate is hased on 200
samples per data point. The development described above rapresents a major step in handling the extreme- i
1, large amcunt of data associated vith au inlet development program. :
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A description of how the angine distortion parametcrs are implemented on the analog/digital
computer to accomplish the goal of edi*ing and screening the data will now be addreased. This can be
sccomplished by relating the expression for K, to a particular configuration of total pressure probes
at the compressor face. In this particular case, consider a configuration that consists of 48 proves
with six rings and eight rakes. The implementation of Equation (2) on the analog computer is quite
simple. The steady state and gain adjusted fluctuating pressure are summed together ta form the total
component of pressure. Each pressure is multipifed by its respective sine 6 and cosine 6, summed around
each ring, and then squared. These two terms are added together and then the square root is taken of
this summation. Finally, this value is multiplied by the valuc of the leading term to attain K, for one
ring. This process is repeated for each ring and then the individual ring X, are summed together to form
the total K,. While the value of this expression is being calculated, a simllar process is occurring
simultnneougly for the other parameters.

The editing process is accomplished by considering the time history of the parameter K, . X
can be generated as a contiusuous lunction since an analog computer is a continuous type .f machine.
The operator has the ability to get a threshold level for each of the parameters such -*at only informa-
tion occurring about that level will be examined. The engineer must know when a peak in K. has been
experienced and the time of this occurrence. In addition,he i interested in the valuz of 'K, wien it
exceeds a given threshold level and when it returns to a lower value. Special peak detector ne:works are
ntilized to accomplish these objectives. These peak detectors track an increasing signal to the peak
level and maintain that lev~l until it 1s reset. The peak detectors are normally reset when the value of
the parameter drops below the threshold level in order that successive peaks can be detected even though
such peaks may be of a lower velue than a preced .g peak. In addition, the peak detectors can be used as
a signal gensrator that signifies a peak has heen detected. Judgement must be made as to identifying
both thzes:: .d crossings and peaks or peak values alone. When a “hreshold croseing occurs, an interrupt
signal i{s generated, and the information is transferred from the analog to the digital computer. No
on-line manipulation of this information is permitted in order to transfer the data as quickly as
possible. The current response time from signal interrupt thru iniormation transfer is 300 microseconds.
An important feature of the prcgram is the identification cf which parameters triggered the interrupt
signal. Whenever the interrupt sigral occurs, the peak value of the parameter is stored as well as the
value of the other paremeters at this particular instant. Th: next output from the editor is the time
when the peak was detected. The time resolution is to within one willisecond.

Mrny electronlc components make up the editing system. A 14 track tape transport is used to
pt+ ,oack the dynamic data through the discriminator system which de-multiplexes the individual signals.
Each pressure signal is filtered bafore it is sent to the anai0z computer. Coupled with the tape deck
and hybrid computer is the tape search unit. The search unit allows one to find a particular time-~
pressure history or the tape while it also serves as the time reference frame for the hybrid computer.
The peak detectors, mentioned earlier, are coupled to the analog computer. The information stored in thc
digital computer zan be print~d n.t on the line printer or stored on magnetic tape.

VII. CONCLUSION

The effects of “turbulence," or specifically, the fluctuating nuture of the meascred total
pressures at the compressor face have been found to have a strong influence on the stall margin of most
engines. This phenomenor normally commences at low supersonic speeds with increasing disturbance inten-
sity as a function of ipcreasing Mach number. Thls "turbulence" exhibits a wide range of amplitude-
frequence content. Fur low frequency disturbances, engine performance is basically similar to steady
state operation siace the engine outlet pressures will follow the inlet flow variations in magnitude and
phase, such that overall compressor pressure ratio will renain the saucz. However, the majority of time
dependent total pressure fluctuations are found to be signifi~antly faster than the aforementioned flow
properties. Under these circumstances, ou:let pressures lag the inlet praessure variations in both ampli-
tude and phase., Consequently, the prassure ratio across the compreassor can differ considerably frouw a
steady~state value, and conditions can develop wherein compressor stall margin is completely negated.

For years the use of a frequently referred to "turbuience factor", (A Pt)rmu/Pt , averaged over the

av
compressor face has raised many doubts concerning itc usetulness. The results of the study presented in
this psper clearly indicates that instantaneous spatial distortiion calculations are necessary to judge
the perforaance characteristics of the ducted flow as caused by a number of physical phenomenon such s
shock wave-boundary layer interaction and flow separation. The development of emall-scale powered simu-
lators for wind tunnel uge can be very beneficial in establishing inlet-engine compatibility. Although
only the affects of "turbulence" on engine stability have been addressed, futurs efforts should be
directed toward identifying uneteady flow inflwuences on the vitally important thrust aspects of the
inlet,
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ENGINE INTEGRATION AND THRUST/DRAG DEFINITION

by

Dr. Ailen E, Fuhs
Professor of Asronautics
Naval Postg.aduvate School
Monterey, Califcrnis, 93940
Unitad States of America

SUMMARY

Careful attertion 1s giver to various definitions relating to thrust and drag. Since thrust
zinus drag is of primary interest, the background on drsg dstermination is discusred. This is followed
by testing techniques for full scale propuleion systema. Many of the testing techniques yield unin-
stalled engine thrust levols significsntly grester than installed values. Sources of installation losses
are, hence, of sonsiderabie ir -arest., Ssveral different msthods have evolvad to account for various
terms in a deag/thrus* determination. Bookkeeping of forces and momentum flux is described. Ary air-
craft develoment ic controlled by schedules and fixed rescurces. Influence of thesa constraints on
engine-airframe integration is discussed. Some zpecial integration problems, e.g., engine bleed air, are
considered,

I. INTRODUCTION

In recent times there have been examples of aireraft, both military and commercisl, with
inaccurate prediction of performunce during developmsnt. The aircraft ars commitied to production without
knowledge of substandard performance. The consequence is a non-competitive aircraft. Prediction of
aircraft performance i3 based mainly on static tests of the aircraft engine snd wind tunnel tests on
subscale models oI’ the aircreft., Sources of inaccuracy ir che prediction are the changes of thrusi
from uninstalled to the installed condition end the wutual interaction between engine and sirfrawe.

As a result of ypast rience with faulty predictions, there has been greater emphasis on
accurate testing and consistent .cokkeeping procedures. Somes of these tusts and procedures are
described,

Afier defining many of the forces associated with an airoraft, tus determination of aircraft
drag in a wind tunnel is discussed. These tests are almost solely subscalse. It is not practical to
build subscale models of aircraft engines. As a result, full scale engires are tested starting with
demonstrator engines. Methods and techniques for testing full scale engines and propulsion systems are
presented.

A critical component in a propulsion installation is the exhaust system. Extiernal flow and
serodynamic interference add complexity to the determination of exhausi performance. Isolated and com-
piete model tests of noazles are discussed. A method for estimating installed gross thrust knowing un-
installed gross thrust and subscale nozzle data is presented,

Many of the factors that causes losses when an engine is installed in an aivcraft are briefly
oxamined. This is followed by a discussion of & thrust and drag bookkeeping system. Certain aspects
of system management are included to smphasize the fact that any test program is constrained by
rasources and schedules.

1I. DEFINITIONS

A series of definitions will be stated bafore the main discussion of engine integration,
Definitions, which are quite uninteresting, should appear perbaps in a remote appendix; bowevur, dus to
the fact that the definitions are essential to the understandiv the paper, they appear in this
prominent location.

Some quantities, e.g., ram drag, are defined much the same throughout the propulsion
community. As a result of the diversity of aircraft typss and different poverplant installations, there
are many specially defined drag and thrust quantities which are not universallr defined. This 1s
snother motivation for providing a definitions chapter.

Notation and nomenclature 4iffer widely with different symbols for the same concept or the
same symbols for different concepts. Additive ‘rag and pre-eutry drag are identical quantities with
4iffer~nt nomenclature. In view of the diffsrent symtols in use, s more efficisnt set of symbolis is
suggested and used Lerein, A capital subseript is used to denote an increment while a lower case sub-
script indicates the qrantity itself and not an increment.

A, Drag Associated vith Inleta

D, drag of the gxternal surfacea of inlet exte ling frca stagnation peint on inlet lip aft to
an enpropriats point on nacelle or fuselage. Alternate names are forebdody draj, sspecially
for -mcelles and cowl drag.

] drag on the internal surfacea of inlet extending from stegnation t-int & fr or cowpresgor

face. Inportant for flow-through uacelles in wind tunne ' wdale. Usually aumped with engino
internal ‘et thrust when engine is installsd.
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Dd gdiverter drag due to the spacer which moves inlet outward so ae to avoid ingestion of
boundary layer along aircraft forebody.

B‘ additive drag, which is equal to integrel of gage pressure along streamtube from s point far
ahead of inlet to the entrance of iniet; also equal to change in momentum in freestream to
womentum at inlet entrance. Note this is an increment. D‘ is a term resulting from desire
to use freestream conditions to define ram drag.

apillage drag equal to difference of DA and the change in external drag. The chargs in D.
due to spillage of air is often termed cowl suction.

mb

o
to

increment of drag due to boundary layer bleed scmewhere along inlet compression surfaces.

D! incremant of drag due to air vhich is taken on board via the inlet tut which bypasses the
engine and is dumped overboard.

D e ram drag equal to product of mass flow rate entering inlet and flight velocity.
l)1 inlet drag oquai to sum of D. and Dd.
DI increment in inlet drag equal to increments DA' DB' D!, and Ds.

B. Drag Associated with Nozzles snd Exhauetis

Dt. boattail drag is force on sxternal surfaces of fuselage or nacelle that decrease cross
sectional erea from maximum area to nozzle exit zrea,

bese drag is force due to the annulsr region hetween nozzle and boattail.

)

Dn pozzle external drag dus to forces on nozzle external surfaces extending beyond nacelle or
boattail, Variable geomstry nozzles usually extend beyond boattail to permi: changes in
nozzle exit arsa.

: . alterbody drag ie sum of boattail drag and drag dus to fairings, rudder, and elevators,

DE increment of gxhaust system drag due to changes in Dt' Db’ Dn, and D‘.

Dnt sting drag is force on sting which supports model in the wind tunnel,

C. Engine Thrust Definitions

F gross thrust is force produced by mcwentum flux across exit plane and by gage pressure
e over exit area.
r a net thru:t is gross thrust less ram drag.

Pt net internal thrust (scmetimes termed internal thrust) is equal to stress tensor integral
over all internal surfaces wetted by sngine air streamtube. Net thrust and net internal
thrust differ by additive drag.

r uninstalled gross thrust is gross thrust measured in engine test facilities using rsferance
nozzle without external flow.

Fr flange thrust is force obtained by an ideal expansion of actual flow of gasocs at some
station downstream of turbine; the flow includes distortions or profiles in P‘I‘ or T.r present
in actual engine.

Fi ideal thrust is force obtained by one~dimensional isentropic expansion of gases from P.m and
2 20 Fopo
TS had

D - scrubbing drag is force due to skin friction on pylon and nacelle surfaces wetted by fan
discharge streamtube,

( )6 subscript to denote the nozzle charging station.

In addition to the various drag and thrust terms, thore are related coefficients defined, e.g., gross
thrust coefficient. These will be discussed later,

III. AIRFRAME DRAG DETERMINATION IN WIND TUNNEL
A, Scope of Testing

There arv many different kinds of aircraft ranging from supersonic transports, supersonic
fighters, VIOL, to piston powered sport planes. To provide propulsion for the gamut of aircraft, there
are a wide variety of propulsion systems. A msjor variable for aircraft gas turbines is bypass ratlo.
Supersonic aircraft teni to have zero or smel. bypass ratic (less than unity). High subsonic cruise
aircraft tend to have large bypass ratio up to 8 or so. Lower Mach number cruise yields higher bypass
vatio an the optimum, thus transforming the turbofan to a turboprop. Large bypasa cngines ‘e mounted in
nacalles, whereas turbojets may be buried within the fuanlsge. In this lacture we limit the discussion
t» burisd and largs bypess ratio podded engines,
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thers are at lesst ‘iiree mounting locations for jet engines in nacelles on high subsonic
cruise aircraft: below the wing, above the wing, and rearward on the fuselage. For low pressure racio
fans the locr®  3ssure distribution due to wing or fuselage can alter fan performance.

The scope and kinds of testing are determined by the point in the development cycle.
Figure 1 {llustrates schematically the engine/airframe intsgration process for an engine mounted in a

ENGINE COMPANY

@ UNINSTALLED ENGINE
NET THRUST

i lNLEG'i; TESTS(RECOVERY, FOREBCDY o

DRA
@ . EXHAUST NOZZLE TESTS (NOZILE
| COEFF'S)
. POWER EXTRACTION ETC...

NACELLE EXTERNAL AERODYNAMICS

.&(MN

h 4

ISOLATED POWER PACKAGE
@ PERFORMANCE COMPUTER PROGRAM

PREDICTED WIND TUNNEL TESTS ON PREDICTED

MODEL . T ! FULL SCALE
COMPLETE FREE FLOW ®

NACELLE NACELLE

PERFORMANCE NACELLE MODELS PERFORMANCE

Y

FREE FLOW & POWERED
SEMI-SPAN AIRCRAFT x
@ MODEL TESTS +
\_OLATED NACELLE
TESTS ] ¢ NACELLE /PYLON
/ WING
INTERFERENCE

DRAG
AIRPLANE COMPUTER MODEL OPERATED

OVER REQUIRED MISSIONS TO DEVELOP [¢—
PERFORMANCE DATA

!

REFINEMENTS BASED ON FULL SCALE ENGINE /
NACFLLE TEST RESULTS

Figure 1. EBugins/Airframe Integration Process.

nacelle. PFigure 2 shows major elements of wing/pylon/n..celle flow fisld. Figures .)nnd 2 are reproduced
from the Lockheed-Georgia respinse to the AGARD ad hoc study on transunic testing. {1} ror the procedures
shown in Figure 1, the aircraft preliminary design and configuration layout is complete. The work that
resains i{s the verification of design calculations, accumlation of wind tunn:l data to predict per-
formance, and spscification of many of the details not pact of initial deaign.

For an aircraft with the sngine buried in the fuselage, a btookkseping system iz {llustrated

in Figure 3. Figure 3} vas eproduced from Reference 1. The various models necessary to ohbtala dvag and

thrust increwents are alsc shown. Figurs 3 represents the same span of developwent cycle illustrated by
r’gn" 1,
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WING STAGNATION
POINT 8 PRESSURE  LEADING WING B. Variables
FIELD EDGE SHOCK

FLOW In addition to the flight or opera-
tional variables, e.g., Mach number and altitude,
there are many geomatrical varicbles. For key
operationel points a reference configuration is
chosen from among tine possibilities, A change in
goometry gives rise to a drag or thrust increment.,
Some of the geometricsl variables are nozz’e exit
area, nozile throat area, vheels up or down, wing
sveep angle, flap positisn, control position,
blead door position, bypass door positica, and

inlet throat area, If the f1light condition is
——— defined, then many of these variables become
fixed, For example, cruise of a supersonic air-

PRIMARY JET craft at a supersonic Mach number, which is &
FAN JET FLOW key operational point, has wing sweep at maximm
FLOW angle, wheels and flaps up, etc. A model io
built with these geometric variables fixed at an
NACELLE appropriate value, !‘or transonic cruise of a
INTERNAL supsrsonic aircraft at ihs {rausonic dreg rise,
FLCWS the geometrical varisbles have changed compared
to supersonic cruise. Another model is needed.

INLET SPILLAGE
& FOREBODY FLOWS

—4Z— CHANNEL FLOWS REGON—»

NACELLE AFTERBODY
FLOWS

INLET
PRE-ENTRY
STREAMTUBE

Figure 2, Major Elements of Wing/Pylon/Nacelle
Flow Fleld.

AERO FORCE AND MOMENT MODEL

/// BASIC
//I/IIIIIIII” REFFRENCE
P # AIRCRAFTY
A ///// III[—[{II// DRAG ORAG
STING EFFECTS MODEL
// STING INLET DRAG G
/Illllltlltl // CORR. TO MAX.
EFFECTS
’"
g & 2 {/// ks .//, MASS FLOW

IMLET DRAG MODEL

INLET DRAG
C

| I

AIRCRAFT
PERFOR-
MANCE

JET EFFECTS MODEL

/ INLET ORAG

ON NOZZLE
A\ sihaibatid I Wt vl oemns | L
DRAG
D ==

MASS FLOW

INLETY
PRESSURE
RECOVERY
OATA

THRUST
DELIVERED
TO AIRCRAFT

ENGINE
PERFORMANCE

NET THRUST

INLET
BLEED &
LEAKAGE
DRAZ

POWER
EXTRACTION,
COMPRESSOR
BLEED

ENGINE
BYPASS

Figurs 3, Thrust and Drag Accounting System,

Propulsion variables, othsr than geometry, that irfluence drag and thrust are wass flow ratio
for the inlet, exhaust noazla pressure ratio, and afterburner operation. These propulsion related
varisbles must be duplicated in the inlet or afterbody models to obtain thrust minus dreg throughout the
operating envelope.

C. Subscale Testing
For each test Mach number there ls . reference geometrical configuration. A model of the

sircraft is made for that configuration. 7Tsua)ly it ls too difficult to manufacture a variable geomeiry
model so that additional models are needed for each reference grometry, The uircraft mission specifies
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t
¢ performance for certain key points within the operating envelope, Models will be built as appropriate
for these key points,
E Scals of the model is determined to a large extent by wind tunnel size. Transonic tesiing
: is the most complex within the Mach nuxber range from subsonic through supersonic. Transonic wind tunnel
blockage restrictions, expressed as ratio of model cross sectional area normal to mainstream to wind
tunnel flow area in test section, yield small models. HElockage of 0.5 per cent to 1 per cent are common,
| Scale has an influence not only on Reynolds number but also on model construction. It is not possible
3 to duplicate surface roughness or sxall details in a small model. Models less than 1/20 scale usually
have so many ccmpromises relctive to geometric detail and Reynolds number that tests are not attempted,
There are exc 1y of course, with sonic boom models being an example,
~+1ized models such as the inlet model or the jet effect model shovn in Figure 3 can be
of relatively large scale, e.g., 1/6 scale. Only part of the airframe needs to be duplicated for
inlet or exhaust models.
There are special tests which are ccnducted subscale. Spin tests are an example. These t:'e
not discunsed here, 1
D. Propulsion System Representation ‘
3 Thers are thres common techniques for representing the propulsion system as part of a wind
tunnel models faired over inlets, flow through nacelles, and powered simulators. With faired over
inlets, there is, of course, no flow entering the model. If exhaust gases are piped into the model
vith faired inlet, the exhaust plume can be simulated. Without an exhaust gas supply, neither inlet
4 nor exhaust flow is simulated.
s Flow through nacelles, alsn called fres flow nacelles, give pertial simulation of inlet and
exhaust flows, The nozzle pressure ratio is ususlly $a error. Pigure 4 compares the nozzle pressure ;
ratio for an optimum, ideal turbojet with the flow k
E through nacelle. At a Mach number of 1 tke turbo- E
3 Jet has NPR ~ _ut two and one half times greatsr
: than flow through nacelle. MAXlMUM. POW.E.R OPTIMUM 3
IDEAL TURBOJET TURBINE
To obtain the aircraft drag using a 25— INLET TEMPERATURE
flow through nacells, it is necessary to sub- 2000°F
tiact the drag of the internal surfaces of the h
nacelle, The internal drag can be obtained by
flo's surveys at the exit plane of the nacells, oz20— 1
— E
Figure 3 indicates separate modela g 3
to obtain inlet forces and to obtain exhaust/ x FLOW THROUGH NACELLE
afterbody interferance. Powered simulators Y 15—
permit simultaneous similation of both inlet %
and exhaust flows. If it is possible to ob- 03
tain the desired information from a single 8
model with a powered simula.or, why are the '4
separate inlet and exhaust models amployed? Q10— 3
Simulators for supersonic aircraft are w
currently being detveloped. Simuators for I~
large bypass turbofans have been in use for N
soze time. PFigure 1 indicates that these Q ¢
situlators play an important role in the 2 ~
engine/airframe integration of a high bypass
ratio engine. Figure 5a is a photograph of a 1
supersonic propulsion simulator. Figure 5b | i | | ]
is a photograph of the simulator undergoing 0 |
tests; this bears a striking similarity to a o 5 1.0 1.5 2.0 2.5
real gas turbine under test! MACH NUMBER i
E. Summary i
Pigure 4. Nozzle Pressure Ratio VS Mach Number 3
To summarize Secticn III, an asro- for an Optimum, Ideal Turbojet and a :
force model is used to obtain airframe drag Flow Through Nacelle.

polar &t specified refsrence conditions.

Propulsion may be sirulated in sevsral wuys as discussed above, A specialized inlet model, usually of :
larger scale than aeroforce model, is used to obtain drag increments for verying macs fiow ratio, angle !
of attack, and angle of yaw. Another specialized exhaust wmodel, also called jet effects model in
Figure 3, is used to obtain thrust minus drag increments due to varying nozzle pressurs ratio, mass flow
ratio, and nozzle geometry., For podded engines a large scals, at least largs scule relative to aero-
force modsl, powered simulator is used to determine propuleion characteriatics and interference with
airframe,

[ A

IV. ENGINE THRUST--FULL SCALE PROPULSION TESTING TECHNIQUES

There are four testing techniques applicable to full soale engines:s sea levol atatto,
altitude, wind tunnel with inlet and partial airframe, and flight testing. Altitude testing is described :
as direct connect tesving. In direct connect testing all the air supplied passes through the angine. In :
the wind tunnel tests, spillage of air can occur. This is called free jet testing., Sea level static and :
altitude testing give the internal or uninatalled thrust. Wind tunnel testing with inlet, exhaust, and
partial airfre v becomes a reasonable approximation for installed thrust. Flight testing provides
installed thrust.
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Figure 5. Supersonic Propulsion Simulator.
(Figure 5 vas aupplied to the author by Captain Steve Piller o~ USAP AeroPropulaion Leboratory.) ;
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Engine companies specify that their engines will have a certain magnitude of gross thrust
vhen tested sea level static unas: certain conditions. When the customer buys an engine, the apecifica-
tion usually indicates a def:nite velue of gross thrust during sea level static or altitude testing.
Thrust is a function of many variables including the followings (&) cltitude, which determines fres-
oot stream pressure and temperature, (b) flight Mach number, (c¢) inlet pressure recovery, (d) distortion of
flow iato compressor, {e) power level angle or throttle position, (f) power extraction by bleed air or
_ torque at accessory pad, (g) secondary airflov, and (h) exheust nozzle position {when nozzle gecmetry is
E variable). As can be seen in Figure 6, a major problem iy the conversion ~” uninstalled thrust to in-
stalled thrust. Conditions at Sution@ the compressor face, may be only , . tially simulated, The
nozzle differs. There is external
Ilow over the nozzle., Yor static s
testing a simple convergent nszile Bleed Alr
may be used, whereas & more cox- T
3 plicated nozzle, e.g., Dlow in
dcor ejector, may be used in the )
aircraft. Subsequent discussion '
should answer some of the ques~ |
tions posed in this paragraph.

-
A Sea Level Static Testing [[: C-L L_..P j :

Sea level static test-
ing is the most economical, by a
wide margin, of all the tech-
niquea. The engine is mounted on ’
s bases plate supported by flexure
stiipa. A bell moutn is bolted to 6

nogate s installed "Tarust of INLET NOZZLE
the engine and bell mouth e DIFFERS DIFFERS

measured directly by a load cell, Bieed Air
By calibration or pressura taps

along ths bell muuth inner wall 4
the force on the bell mouth is ’ BYPOSS Dump

known. Momentum flux into the /

bell mouth is also determined.

After suitable correction, the / C
f‘\‘ —=

S

gross thrust of an uninstalled L
engine is obtained. To avoid bell

mouth corrccilons e labyrinth seal -—/0___/
pay be used at the junction be~ / W

tween engine and bell mouth.
Accuracies of 0,5 per cent for F,; / Secondory FIOW
are coimonly attained, With Boundary Layer Bleed Duct

thia level of accuracy, care must
be taken to have uniform preasure Figure 6
over the engine external suvrfaces. *
Fuel must be introduced normsl te
thrust axis or else a correction
needs to be made for fuel momentum., Figure 7 illustrates base plats, flexure strips, etc.

Aircraft Engine in Altitude Test Facility and
Installed in Aircraft,

Data are reported in 4
terns of gross thrust coefficient eL wou TRUNNION noZILE

defined as /, - v / ) //

r r .
S ST T
¥g

R 2 Fi ENGINE ﬁ

!

o1 — : 1

= e k

whers ﬁ. is the mass flow at . 3

engine exit, Station(§)in Figure ¢ .
6. Hass flow at engine exit is [ BASE PIATE i} =] THRUSY

the sum of mass flow of air pius "‘ﬁ'\" T bovprrniin y
rml. Th' 'Olucity '} i. an > FLEXURE STRIPS BALANCE

ideal velocity obtainéd by isen- . .

tropic expansion from P,, and Y A

T 0 Fye The gross t t

of8fficient iz, in a sense, an

sfficiency comparing actusl Figure 7. Bngine Static Thrust Measuremont at 3sa Level.
thrust to ideal thrust. c:

provides & link between thi Rinstalled and uninstalled engine gross thrusts. From that point of view, it
ls valuable. Cycle anslyses are one rimensional and can yield values for P,. The thrust coefficient pro-
vides a maans for estimating C,_also eliminates engine size or scale. Howsver, :g‘ mixes opne~

|

SEPU PRN N

dimensional concepts with th .- « :"ﬁsioml flow., The question arises concerning how define P, and
Toce 4t is necessary to us - .= . sraging procedure, e.g., area weights? or mass flow weighted AVerages, E
zZ‘ arcives at a single nun-- ., An avsrage cannot be defii sd which simultaneously satisfies the i
conservation equations; #e w .qreges are used, one of the conservation equatione is bsing violated. 7
Flangs thrust ¥, has * .. * - recognize the three-dimensional aspects of flow at the charging '

station. Defin aC, wiv . laced by P, would add realism bu® would be comp icated to use.

rg

o _me_\‘.“__,,_a..muu o L...J
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To obtain 5. from a sea level static measurement of F_, it is necessary to determine the
mass flow rate of air aggengino inlet & . Compressor maps yield cBrrected weight flow rate as a function
of engine speed NA/® and compressor prissure ratio. Separate means of Jeasuring & are calibrated bell
mouth, venturis or orifices, Calibration of engins air flow in terms of N/Y@ and Preasure ratio pro-
vides useful duta for flight testing. Pressure rakes and temperature rakes are used to determine P, anc
'r%. Since specific fuel consumption and ideal thrust require knowledge of the mass flow of fuel h,, the
spacific gravity of the fuel must be measured at the engine. Most flow meters yield volume flow rate,

Tha station vhere P, and T, are measured is freguently called the nozzle charging station.
L B The charging station must be ac aaibloréor instrumentation in both full scale and modei nozzles,

The thrust coefficient C_ includes losses due to flow divergence, skir friction on internal
nozzle surfaces, leakage, non unifor:gprofilea, and awirl. These are some of the flow phennmena and loss
mechanismec which make c’g less than unity.

T

B, Altitude Testing

Conditioned air is supp.ied at the compressor face, The si: .. ion pressure and stagnation
temperature aze determined by calculations knowing flight altitude and Ma... number. A auitable inlet
preasure recovery is assumed, Compressors and heaters (or refrigerators) are necessary to supply correct
T. and P at engine face. The engine external surfaces are maintained at ambient pressure suitabls for
altituda’being simulated. Exhausters cre required to maintain a low presaure. H re 8 shows &
aschematic of the altitude test facility at the Naval Air Propulsion Test Center, Pron the scale of

ALTITUDE CHAMBER EXPLOSION PORTS EXPANSION TANK
CONTROL ROOM 1ELESCOPING SECTION
OF ALTITUDE
. N CHAMBER
: INLET PRESSURE b TR
CONTROL VALVE N\ N / DIFFUSER /
"b' . ~
i ' // ;f_..

0

e T

e EXHAUSTERS
e s _Li
ENGINE ALTITUDE PRESSURE
TEMPERATURE """O;lﬁzv THRUST STAND CONTROL VALVE
CONTROL RIG EXHAUST GAS
AIR SEAL COOLER

Figure 8, Schematic ¢f Altitude Test Pacility at Naval Air Propulsion Test Center.
(Reproduced from Reference 2, )

the engine one can judge the scale of the facility, To aid the exhausters the high velocity Jet from the
engine is used as an sjector enhancing the facility capability in terms of altitude and mass flow rats of

air. Altitude testing is expensive. For large engines with high ha' the costs may be a few thousand
dollars for each hour of test time.

A —— . 8

Altitude testing yields an uninstalled thrust value. As in the case of sea level static
testing, thrust is measured using apparatus similar to that thown in Figure 7. An alternate msthod to
determine F_ is to make exhaust surveys as illustrated in Pigure 9. Within current testing philosopky
this is gan‘rally regarded as a secondary method. The pressure and temperature rakes are upstream of the
sonic line to avoic measuremenis in a supersonic stream., By careful attention to experimental details,
it is possible to obtain agreement within 1 per cent between rg rom load cell and rg from survey.

e Ay adas

C. Wind Tunnel Testing with Partial Airframe

For fighter size aircraft it is possible to test a full scale engine along with its inlet
and exbaust in a wind tunnel, Those parts of the fuselage, usually the forebody, and wing which in-

fluence the inlet fiow are duplicated. Figure 10, which is reproduced from Reference 3, is a aketch of
auch a test.

For largs aircraft it is not possible to test the complete propulsion full scale, Although
thie section ia on tull scale testing, we show the photograph of B-70 propulsion in the 16-foot wind
tunnel to illustrate the concept. The scale is .577. Figure 11 is from Reference 4.

Part of the motiv~tion for conducting tests as illustrated in Figures 10, 11, and 12 is to
determine inlet engine compatibility, inlet controls, nozzle controls, influsnce of angle of attack, etc.
Another reason for the tests is to obtain installed thrust,

D. Flight Testing

Flight testing of a propulsion system occurs late in the development cycle. To Ily, the
¢ine must bo flight ratsd, and this rating is issued only after e long series of .ests, If anything is
ng, it is late, and the changes to correct a propulsion syztem becowe sxpensive,

There are several cases of flight testing full scale propulsion systoms: a new engine
mounted on an old aircraft, o new engine in the new aircraft, and an old engine on an old ajrcraft as
part of a comprehensive ground and flight test program.

- L Lo s . -
s N R —““MIMM. L
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P e ki -

A nev engine under development can be CONVERGING NOZZLE
flown on an old airerr.ft to check operation in &
flight environment. There are pheromena, ©.g., i 3
gyroscopic forces, that cannot be examined on the S — — Traversing Prooe
k : ground., Xogine performance can be verified, The \
1 drag polar of the old aircraft is well documented I
! so that engine thrust can be estimated from air- . R
3 craft perfcrmance, KEngine thrust muy be )
d deternined by inverae procedure of sea level Il . ,
static test, 0, 1is assumed known. NA/D and /*~—Sonic Line
COmprassor pres fre ratio are measured; from these
dete & is determined. Stagnation pressurs and
augnaeion temperature are measured at the nozzle
charging station so that v, can be caleulated. It

then follows CONVERGING DIVERGING NOZZLE
Fg " chhavi @ !

= Traversing Probe
0f course, the new engine in a new air- = i —

craft is alwvays flight tested, As stated bofore, I
~®
1]

this is vary late in the develoument,and correction \4
of any deficiencies irz expensive, -

)
NASA bas been conducting flight tssts Sonic I__ine——+—‘t
of a J-85 on a F106 airoraft. This is an exanple v

-

of an old engine on an oid aircraft. These tests bolmead  Control Volume
were part of a comprehensive wind tunnel and = —_
flight test program, Several different nozzle
configurations vers flown, The prograw, besides Ext
supporting SST development, provides badly Figure 9. Dive:sf Sugzligr Gonverging and
nieedsd data for checking wind tunuel rasults with 808 °
flight tests.
EXHAUST

SECONDARY FLOW
ENGINE

BOUNDARY LAYER CONTROL

AIRCRAFT FOREBODY

Sk X saa

WING LEADING EDGE

Figure 10, Full Scale Propulsion Integration Test.
{Reproduced from Reference 3.)

B. Difference Between Uninstallad Thrust and Inutalled Thrust

Ade

In sea level static and altitude testing, the uninstalled thrust is measured, For Jan
engines mounted on pylons, the uninstalled thrust includes scrubbing drag. To arrive at the ingtzlled
thrust, it is necessary to add or subtract increments dus to the followings (a) inlet additive or
spillage drag, (b) momentum losses due to flow extracted frcm the engine inlet for boundary Jayer bleed
bypass, or secondary cooling air, (c) thrust recovery from air extracted from the eng’ne (Ses Figure 6.5
for customer use, (d) scrubbirg drag on 1djacent airframe not previously included, (s) sacelle friction
or pressure losses dus to eirframs/engine interference, {f) changes in pylon pressura distribution due

to serodynamic iuterference, (g) alteration of Cy, due to external flow, and (h) change in bosttsil or
base drag due to exhsust flow. g

v. mxmosts(®)
4. Introduction

Once a given jet engine has been selected, the noazle selection remains opsa. 4As shown in
Figure 12, there is a wide variety of nozzle designs from which to choose. The aim of this section ia to

.
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indicate how a prediction of installed thrust can
be made based on winc tunnel data and engine test
ce'l data. The techniques for estimating nozzle
parformance and jet interference will be dis-
cussed,

To make an ob7ious statemernt. a super-
sonic airercft will fly subsonicelly, tran-
soiically, and supersonically in any supersouic
nission., Aircraft performance must be verified in
each flight regime. Comments concerning transonic
flight will be made; similar sts“emsnts can be
made for the other opsrating c.aditions,

The transonic flight ragime is a
region where afterbody and nozzle drag is high,
Theras are at least four operating conditions that
must be thoroughly investigateds (1) transcnic
oruiss, (2) transonic acceleration, {3) transonic
deceleration, and (4) high-g maneuvers. These
four operating conditions have different nozzle
pressure retio, exhaust stagnation temperature,
nozzle area ratio, heat capacity ratio, and air-
craft angle of attack. Pigure 13 shows the
typical range for some of theme varigbles,

Afteru.l7 models are used to complete
the necessary drag data., These models are in
addition to the aeroforce model, which is u repro-
duction of the cwmplete aircraft. Afterbody drag
and nozzle drag .ay be 20 to 40 per cent of com~
plete aircraft drag .t transenic flight. A
variety of bookkeej: - procedures has been de-~
veloped to define; :lentify, measure, diagnoss,
and correct forces of various components,

The trend in nozzle desip - has been to
iria and nlug nozzles. Development fan enginas
has made cooling ai: available. Tu jets naeded
a fic. nf cooling air which could be .btained from
ejector action of the primary jet. E rly jet
fighter aircraft placed heavy emphasi. on ejector
nozzles. For some supersonic aireraft blow-in
door ejector nozzles provide performance gains in
transonic flight, Variable geoxetry nozzles ars
sssential for multiple Mach number design point-.

8-T0Wind Tunnel Models

Theve is a wide number of variables
Figure 11, f::tog;aph: gt B-70. related to nozzles and exhausts. Table I lis-:
Refl:::ngs' n )r°“ these va- * "ass. A particular noazle probleu can
¢ be state. . specified by taking one adjective for
erch variable from the right-hand column, When
thia is done, there are 62,208 differeat combinations, implying that number of nozzle cnnfigurations!

An important asrect of nozzle and exhaust tesiing i1s the fidelity of jet simulation. Jet
simlation vill be discussed.

Test planning involves many considerations including the type of noszzle and type of installa-
tion. BExtent of simulation, =8 mentioned previously, muat be decided, Compromises are required by
constraints of local facilities and program goala; decis_ons concerning compronises are based on past
sexpsriencs,

B. Accuracy

Accuracy of determinaticn of thrust should be, of courss, compatible with the accuracy of
measurenent of drag., Since the sircraft senses nst thrust and the procedures yield grecss thrust, it is
necessary to have a more precise measursw ot of gross thrust, The ratio Fy/Fret ic 2 to 3 for transonic
flight. Assessment of accuracy is compl.: .ed by the many instruments enpfoyed in the prasurement
sequence, the many models used lor obtaiaing drag incremsnts and seperats portions of overall drag, and
the complex test apparatus, Desired ac:uracy in the transonic regiou iz 0.5 per cent for Pg'

Figure li, which is reproduced from Reference 6, shows the 1ange sensitivities for various
installation parameters. 4 3 per cent decrease in propulmion package weight causes an increase in range
of about 40 n.m. 4 3 per cent increase in cP yislde a range increase of 300 n.m, Nozzle performance,
for a 837, is a most sensitive perameter. U

C. Isolated Nozzle Versus Complete Model Tests

Isclated nozzle teats are a very close anproximetion to a two-dimensional flow problem. The
geometry is usually axisymmetric without fins, elevators, or other features. An atterboay or complete
model test duplicates the geometry of the aircraft., 7his is a three-dimensional problem. Isolated
nozzle tests; which are valuabla for comparing different nozzle designs, are usually conducted eurly in




the development phasc. In later
phases of the aircraft develop-
ment, absclute values for nozzle
performance parameters are needed.
For these purposes complete model
tests are usually conducted. Ad-
vantsges and dissdvanteges for
isolated und complets mcdel tesis
are summarized in Tables Il and
III, Plgure 15 Lliustrates two
test arrangements for a wind
tunnel.

Pigure 16 shows
schematically a complete model
tesi using tandem balances.
Noizle gross thrust is obtained
by adding readings of balances
and . Information is obtained
sbout the sum of afterbody plus
base drag. Tandem balances offer

y advaptages. Both balances

and (B) in Pigure 16 can be
slzed to match the force., The
main disadvantsge is the com-
plexity of the model.

D. Installed Gross Thrust from
Uninstalled Gross Thrust

Prom the tests de-
picted vy Pigure 6 or 7, a gross
thrust coefficient is obtained,
and the gross thrust can be cal-
culated by

’; " c?(’i

Proa the tests schematically shown
in Pigure 16, anpther gross thrust
coefficient is obtained

= Gyl

A prime is used to denote the com-
plete model tests. Taking the
ratio of the above two equations,
one obtains

"/ i. c"

The ideal velocity v, has can-
celled out since ucﬁ noszle
been run with the game P, and 1,
at the nosale charging ltnuon.
Specific thrust, {.e,, thrust per
unit mass flow rate, is equal to
the ratic of gross thrust coeffi.
cients. The engine of Figure 7,
vhen installed in an airframe of
the geonetry of Pigure 16, should
give & specific thrust P‘/ﬁ:.

This discussion
{llurtrates the usefulness of (:r
and damonstraten how test cell 'S
resulis can be combined with com-

plets model data to predict performance.
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Pigure 13. Mup of Exhaust Vuriables for a Pighter Alveraft.

The sccurscy of the prediction depends on how wall v, mstclhise

vi. Profiles of !’.r or 'l',r, svirl, nosile lazkage, snd sizilar flow properties can cause inecen}les",

%, Sommary Resarke on Exhausts

In this part of the "Ezhausts® Section varicus items will bs iisted and briefly discussed.

1. Modele tested in the wind tunnel do nut represent accuruts scaled avdels of the sctual airylens,

Development programs are paced by schedules and constrained by rescurces.

in a Aevelopment. program

vind tunne: duts are of importance cnly to the #xtent that the data help to produce a good perform-

ing airplane.
certified.

The vind tunne) data are relogated tc the f1la cabinet ax soon ss the aircraft is
Moat aircraft programs do not includs resources to resxamine the quality of vind tunnel
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TAELE 1. VARIABLES RELATED TO EXHAUSTS

Varisbie Possible Values or Feature
Maipstrean Mach Number Sutaonic - Transonic - Supersonic - Hypersonic
Jet Mach Number Subsonic - Transoni¢ - Supersonic - Hypersonic
Nozzle Pressure Ratio Overexpanded - Optisum - Underexpanded
Directior of Jet Parallel - Acute Angle -~ Normal
Nusber of Exit Forts Single -~ Dual - Multiple
Spacing of Miltirle Jeta Narrov - One Jet Diameter - Wide
Mumber of Hozzle Streams Prisary - Primary and Secondary - Primery, Secondary, and Tertiary
Gecaetry of Afterbody Axisymmetric - Nonaxisymeetric
Shape of Aftarbody Hunt Bese - $mooth Contour
Boundary Layer, Internal laminar - Turbulent
Boundary Layer, External Laminer - Turbulent
Ratio 6* to Jai Diameter (smooth Variation of This Parsmeter)

Sensilivity to External Mow Nerna - Influenced

oo data in the light of flight test results,
PROPULSION PACKAGE WEIGHT Since the model may not match the sirplane,

some key points may need checking in the wind
gggr_z.éﬁ:'gzgss THRUST tumel with e new, accurate model.

2. Similarity rules of fluid mschanics ace

e = AIRFRAME L./D violuted in nearly every wind tunnel test.
Rarely ir Reynolds number correctly duplicnug.

—— INLET P The problex with interpretation of wind tunne
RESSURE RECOVERY exhaust duta is to know the consequence of in-
axact sizilitude and scaling. With the ad-
vances in computational fluid mechanics
coupled vith analytical approaches, nev in-
300 - / sight zmay be gained.

200 /. 3. Unsteady asrodynamics certainly occurs in the
/ external flow field in the transonic regime.
Tims depenvient exhaust flow mey be an overlooked
/

¥

100 feature whin evaluating sxheust system per-
formance~--or when evaluating the lack of
performance,

4. Tnrugt coefficients are based on an ideal
nozzle. Thrust coefficlients are a one-
dimenaional concept trying to quantitatively
define performance of a three-dimensional
flow device, Thrust coefficients and ideal
thrust neatly tie cycle analysis to exhaust
system hardware and its performance. The tie
becomes confusing and has sourzes sf error in
the nunber to assign to idesal thrust when
thers are profiles of P.r or 'l‘.r.

CHANGE v RANGE, NAUTICAL MILES
o

PERCENT IN PARAMETER IMPROVEMENT
5. Bookkeeping procedures based on increments

have several advantages such as conceptual
simplicity; however, to fully exercise the

Figurs L. gcr!t::- In::lﬁ::::rix'ig :r;,f:ﬁi"°"' complets bookkeeping procedure, numerous addi-
Su" rsonic Transport., M = 2.7 Range ticns and subtractions of data obtained from
-,583 Nautical M;‘l):a * i ! many different models of widely varying scales
p must be accomplished. Bookkeeping procedures
(Reproducad from Reference 6.) which do not clearly define the division of

responsibility between the engine and airframe

companies do not gain acceptance. Being practical and astute, this is a recognized requirement on
bookkeeping procedure; hovover, the aircraft responds to thrust minus drag. Is the split of
responsibility a factor which hinders opt'uisation of thrust minus drag?

6. Present methods of defining thrust permit verification of full scale engine quality by testing out-
side the aireraft. This is sertainly desiradle.

7. Inlet apillage way have an influence on exhaust performance. Remember the accuracy goals are 0.5 per
cent. Limited vork has been done to define inlet interference on exhausts for engines buried in the
fuselage. More extensive work has been done on pylon mounied turbofan engines. Paired inlets may
distort installea nozale performance.

8. A Mach nuaber of uvnity is difficult to achieve in a wind tunnel. 1i/ind tunnel tesis near M = 1 are
difficult to conduct without funuel interference.

et enial bt
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TABLE II. ISOLATED NO3ZZLE TESTS

Advantages Disadvantages
{ Larger Scale, Hence Larger Re Flov Is 2-D Instead of 3-D
i Lerger Scale, Kasier to Instrument Installation Effects May Require 'Conlo
i Larger Scale, Exact Detailing Pussidle Mu;gn Jasta for Predicting
' Do not Form Bas or ]
: Ne. \ssary for Cnecking New Noazle Concepts "
& wnd Buaic St Suppors. Strastiee Htabontae onstBLLLE
uppo ructure s s >4
Baseline for Uninstelled Performance for T Isolated Tests
Substantiate Calculations; Easier Geometry Betveen
for Wnich to Make Predictlons "°mr;§:“,°£:‘l'.f"“"""‘“

Relatively Economical

TABLE I1I. COMPLETE MODEL TESTS

Mvantages Dissdvantages

1 Better External Flow Simulation Small Sisze Nozile or Klse Very Large Tunnel Needed
Only Means Available to Predict Installed Complex Shape Requiros More Extensive Instrumentation
Noszle Performance Simulation of Secondary or Tertisry Flow Difficult

Verifies Atrcraft Design Support System Interference Meeds Careful Checking
| influence on Aircraft Asarodynamics Can Be

Messured Models Are Compiex and Costly
Influence of Exhaust Flume on Control Lov M for Noszle Due to Size
] Surface Effectivensss Can Be Determined Changes in Geometry Are Dilfjicult to Make
. Pylon Design Verified Hot Jets DAfficult to Incorporate
Flow Visuslization Fossible Profile into Nossle May Be Poor
Multiple Noszzle Designe Verified Difficult to Measure Mass Flow Accurately
GAS IN STATIC PRESSURE TAPS

‘ W#Jw
PIPS?bT

 —— )-—-

D T0 THICK BOUNDARY LAYER
/11_11[ INNNNNINEENNEN|
W STATIC PRESSURE
—2. TAPS USED TO GET
BOAT TAIL & BASE
DRAG
AN\
TUMNEL WALLS  — T SRUT

T TTT /W/nnlm
HP AIR IN

Pigure 15, Isolated Nozsle Tests in a Wind Tunnel

9. Pressure ratios are small in the streamtubs passing through the fan. The potential for mutual
interference betueen & ving and a turbofan is great.

10. Sources of error in exhaust tesiing include struts to hold model, roughness in the model flow
ohannel, omission of small detail due to model scale, and incorrect profiles at noszle entrence.

¥i. INSTALLATION LOSSKS

An uningtalled engine, as shown in Pigure & or 7, has a level of performance. This level of
performance io not achieved in an aircraft. Various airciaft demands erode the performence. Various

a— — ,19“%__




CORRECTIONS REQUIRED FOR SPLIT PRESSURE,
SEAL FORCES, AND ANY MOMENTUM OF AIR

ENTERING NOZZLE )
E SPUT g
| \ |
f — R f
I !
= r L‘ ‘
L I D ;
Figurs 16. Tendem Balances. Balance @ reads I. = D, - D,. Balance reads D ¢ D, ;
installation factors alter performance. :
{
A, Losses Due to Inlet ;
A price is paid for the air taken on board the aircraft; 1* is the ram drag. At the engine 1
face the stagnation pressure is less “han that attained by an isentropic compression. This is a loss
which degrades performance. The impact of pressure recovery on SST range is shown in Pigure 1.
.

The inlet provides distorted flow to the fan and compressor. Distortsd flow may causs the i
cespressor to stall and the engine to surge. Adequete stall margin must be incorporated to avoid stall, 4
The margin degrades performance of the engine compared to what it could have besn. PFor the same
prossure ratio additional stages of compression may be needed.

The inlet 1s sized for maximum air flov requirement. Por opsrating conditions off the maxi-
mun design point, air must be spilled or teken on board and dumped. Spillage of air causes a drsg, or
alternatively, a loss of thrust.

B. Losses Due to Engine Acoeasories
Engine accessories include fusl pumps, fuel controls, and lubrication pumps. To drive the

accessories pover is taken from the engine. Accessories tend to incresss engine frontal area increas-
ing nacelle drag or airfrase drag which effectively decreases thrust minus drag.

C. Losses Due i: Powver Hlesd j

Power may be removed from the engine in the form of compressed air, The compressed eir may
provide air conditioning or slectronic equipment and crew, drive pneumatic wctuators, provide boundary
layer control, and force the flow of cooling air.

Pover may be removed from the engine in the form of torque on a shaft., Modern aircraft have
large electrical power needs for radar, galley heaters, etc. Hydraulic pumps Tor the aireraft control
systex are driven by the engine.

D. Instailation Structure

It is necessary to transfer engine thrust to the airframe. Structure is needed for this
task and adds weight. Figure 14 shows impact of propulsion packege weight on SST performance.

B, Savironmental Factors

Closely related to tue inlet distortion discuesed in A is clear air turbulence which can be
& source of distorted flow at the compressor. Ingestion of foreign gases, e.g., steam during a catapult
launch, can cause stall. Stall margin must be built into the compreesor.

Gas turbines have limits on turbine inlet temperature. On hot days i% is necessary to de-
crease fusl flow to avoid over tempsrature in the turbine. When operated in similarity conditions,
thrust of a ges turdbine falls off linearly with ambient pressure. Decreasing pressure, e.g., at
sltitude, decresses performance.

P. Acceleration and Safety Margins

Por an engine to accelerste, turdine torque must exceed compressor torque requirements.
Mding fuel to accelerate tends to drive the transient opersting lins toward stall. The operating poiat
must be sufficiently far from surge line so %hat transients do not cause surge. This necessitatcs more
stall margin,
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G. Nozzle Ferformance

External flov and asrodynamic interfersnce can cause loss of gross thrust coefficient.
Figure 17 shows drag, thrust, and thrust coefficient as a function of Mach number for a supersonic air-
craft. In the transonic region, C,_ has a pronounced dip, which gives a corresponding dip in thrust.
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Pigurs 17. Thrust and Drag as a Function of Mach Number.

Installation losses are due to inlet and exhaust inefficiencies, safety margins of one
nature or another, and powsr bleed,

VII. THRUST AND DRAG ACCOUNTING SYSTEMS

There are numerous schemes for obtaining drag, thrust, and thrust minus drag. One such
method vill be discussed here to illustrate the scope of a complete test and to show how afterbody and
inlet tests fit into the procedures.

Afrcreft performance is defined in part by thrust minus drag. The engine company sells
thrust, and the airframe manufacturer minimizes drag. Since there are itexs in the force bookkeeping
procadure which must be assigned to drag or to thrust, careful definitions are required,

Bookkeeping of forces usually involves increments to drag or thrust for operation at some
puint other than the reference condition. At a given M,, three varisbles are usually spscified as
standard or reference valuss, These are nossle pressure ratio P, nossls arva ratio, and angle of attack;
subscript r denotes raference valuss. Deviation from these raference conditions gives rise to force
increments. Ope philosophy for assigument of the force incremsnte is to alter thrust if the increment
results from a throttle change. If the incremeat is due to s change in angle of attack, it is assigned
to dreg.

The drag of inlets depends on muss flow ratin m into the air induotion system. The dreg of
exhaust systems depends on noasle pressure ratio P for a given flight condition. Variable geometry of
inlets or moszle adds complexity and alters drag. Changes in m, P, and area retios are mainly due to
throttle changes and bence are assigned to thrust.

The asroforce model is mountsd on a sting and force Py determined; see Pigure 18, Por t:is
test there ars reference values of myp and Py which may not be the same as, or even close to, the values
chosen as the standard flight configuration and denoted by subeoript r. At n, and Pr' drag increments
due to the inlet or nossle flov are set equal to zero.

Pigure 18 shovs schematioally hov drag is obtained from the seroforce model, the inlet model,
and the exhaust model. Variation of foros due to varistion of m or P is readily obtained from the test

dasa. 7The change in the forco on the inlet represented by P., - 'A would be charged to thrust since it ie

A
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Figure 18, Bookkesping for Drag.

a result of throttle (mass flow) changes. The change of force represented by F, -~ Py would also be
charged to thrust since nozzle pressure ratio is a function of throttle seiting.

Propuision sstem installed gross thrust is obtained from

instalied test cell increnent increment increment increment
gross - gross * | due to +{ due to *| dus % ¢ | due to

thrust thrust inlet exhaust engine secondary
fiov

t
The test cell P‘ was discussed previously. The increment terms need to be defined and discuased.

The increment dus to the inlet ‘ncludes the fcllowing: (1) spillage drag, (2) bleed drsg,
and (3) bypass drag. Spillage drag consists of additire drag and the change in force on the inlet covl.
Usually data are reported in terms of Cpypiil oF Cpedd Plus Cpaoyle To control shock-wvave-boundary-
layer interaction, it is necessary to parghlly resovs tha bou.nggry Jayer at crittcal portions of the
inlet, The bleed air is dumped overboarid, For some flight conditinns it is better to vake axcess air
on board and then dump it overboard. Inlet stabllity or the trade off between spillege and bypass drag
may make it desirable to swallow air in excess of engine naeds.

Several factors determine the size of the drag increment due tn the exhaust: (1) correction
for external flow, (2) base drag, (3) boattail drag, and (4) exhaust interference. Installed gross
thrust is at some flight Mach number. The test cell gross thrust is at static conditions. A correction
must be made for the externzl flow influence on internal flow. Por the CD nosile illustrated in Figure
19, this correction may be very small. Por the CONV, PLUG, or BIDR noasles of Figure 19, this may be
a relatively large correction. The correction is odtained from the subtracticn of static nosile thrust
fros the thrust of the same nosile installed in an afterbody model. Tha noasle is metric within the
aftarbody model. An example of the correction for external flow is shown in Figure 20 for a plug noazle.
Also the boattail and base drag corrections are shown. Figure 20 wvas reproduced from Reference 7.
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Figure 19. Static and Damic Nozzle Tests

Before proceeding with additional discussion of base drug, boattail drag, etc., it is vorth-
while to reread Section II and examine Figure 16. Notice the splii betwesn the forebody and afterbody of
the aircraft model; this indicates that the afterbody is metric. Aftecbody drag includes tail, fairings,
and boattail, The boattail is the surface vhich reduces the area from th: forebody-afterbody split to
the area at the nozzle exit. Por varisble geonetry noziles, there are vsuelly external noz:le surfaces
exrosed to the external flow giving rise to external noz:ile drag, Dn. The drag D. may be included with
boattail drag. Base flow is a downstreaz flow region where the stresmlines d> no? follow the bedy con-
tour. Such an annular area is illustrated in Figure 16, Ths internal nozile drag is not important for
these discussions having besn accounted for by c,‘.

When the base flow region is an annulus surrounding the noa:le exit, as shown in Figure 16,
the correction for base dreg can be lumped into boattail drag. When thers are multiple exhaust nozzles,
there may be base flow regions not at the nozzle exit plane, If this is the case, the base drag can be
included with the exhaust interfirence terw.

Changes in nozzle pressure ratios, use of afterburner for thrust augmentation, and other
propulsion system operating points cause changes in the exhaust plume geometry. As a result, the
external flov is modified, Changes in the external flov may alter t.2 pressure distribution on the
slevator, rudder, wing, or fuselage., The drag increment ternmed exhaust interference accounts for this
aspect of the exhaust.

Continuing with the various terms on the right-hand side of the installed gross thrust equa-
tion, consider now the increment due to the engine. As a result of m different from m_, inlet pressure
recovery and level of distortion at the compressor face may change. These changes can influence engine
operation. Based on data obtained from test programs in ses level static test cells or altitude
facilities, corrections can be made.

Power may be extracted from the engine either by bdleeding air off the coapressor or by drive-
shafts for alternators, pumps, etc, Hleed air from the compressor to pro-ide boundary layer control on
the wing, air conditioning for the crew, or to actuate pneumatic devices causes a loss of thrust. This
thrust loss is accounted for in the term "increment due to engine.®

The final term in the installed gross thrust equation is the increment due to secondary flow.
(Secondary flow can be defined as air taken on board from freestream conditions and returned to the
ambient atmosphere without forming part of the engine working flufd.) When the secondary flow, e.g.,
cooling air, forzs part of the nozile flow, there is s thrust increment which changes with the engine
opsrating conditions. The secondary air zay be dumped overboard through its own nozile or exit door.
Pressures on the aircraft may be changed. The ram drag associated with secondary air is the mass flow
rate of secondary air times wvehicle velocity.

The installed Fg eouatisn indicates the corrections which must be made to convert test cell
gross thrust to installed gross thrust. The number of corrections becomss quite large as the preceding

el 44 fada i b e
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discussion has indicated. EBach correction
or increment has its own accuracy end is a
source of error. The bookkeeping schemes
should strive for the minimum nuxber of
increments required to adequately describe
forces on an aircraft. The increments may
be besed on a variety of model sizes.
Typical model sizes providing date are in-
dicated in Table IV,

TAELE IV, TRANSONIC TESTING MODEL SIZE3*
(TYPICAL FIGHTER AIRCRAPT)

Model Percentage of
Full Scele
Aeroforce Model 5
Inlet Model 8-10
Isclated Nozals Test 25
Afterbdndy Model 8-10

#Models less than 1/20 scale have so many
compromises relative to geometric detail
and Reynolds number that testis are not
attenpted.

o
o
1

VIII. ASPECTS OF SYSTEMS MAMAGEMENT

The motivation for this section
) is to support the argument that the kinds
Stotic Performonce and goals of testing depend on the phase
within the sireraft development cycle.
Procedures and scope of tests are lir ted b
Externd Flow Effect reeources and schedules.

Boattail ond Bose DragA. Aircraft Development Cycle

e
L A major aircraft development
cycle spans several years; likewise, a major
’t i 1 aircraft gas turbine development is a
0 20 lengthy procese. Pigure 21, which is based

in part on Referwnce 8, outlines some mile-
EXHAUST NOZZLE PRESSURE RATIO stones along the cych: Pigure 2la deals
with the airframe. Once vehicle require-

ments have besn defined, various vehicle
Figure 20. Static and Installed Thrust Coefficient for a configurations are explored. Questions

Plug Nozile. (Reproduced from Reference 7.) such as high ving versus low ving, engines
mounted on wing versus engines on fuselage,
stc., are examined. A most likely configuration is picked, Small scale (1/12) models of the inlet cre
being tested. As testing progresaes, larger scale inlets (1/6) are tilt. Besed on 1/12 scale data,
decisions are made about axisymmetric versus ramp, oxternal versus mixed compression, etc. Using 1/6
scale inlets, questions concerning boundary layer bleed, diverter height, interaction with forebody, ete.,
are answered.

INSTALLED NOZZLE THRUST COEFFICIENT

Early in the development cycle rather crude simulation of the projpulsion system is possible.
The aeroforce models become larger scale and incorporate better propulsion representation. As the freeze

point in design is approached, powered simulators aay be employed,

For engine development the {'irst steps are to define cycle parameters, i.e., pressure ratio,
turbine inlet temperature, bypess ratin, etc. Based on the required cycle parameters, a demonstrator
engine is designed using technology and hardware from previous exploratory and advanced devel~pment
programs. If the cycle calls for u high turbine jniet temperature, the damonstrats: engine should
operate at that temperature. If the fan performance pushes the state of the art in tip speed, then the
demonstrator engine should run at that tip speed, The demonstrator engine can be boilerplate, i.e., it
can have heavy components. It need not be dimensionsally correct. It should demrnstrate successful
operatinn of all new technology to be incorporated ints the final design.

Figure 2lc continues the engine develrpment cycle to production, FPFRT is preliminary flight
rating test. It ansvers the question of whether or not tre engine is safo to fly. Once PFRT has been
passed, flight testing can procesd. MQT is military qualification test, This certifies the engine meets
all specifications in regard to performance, endurance, wsight, stc., and is ready to enter production.
As mentioned previously, flight testing is “ate in the program, although it is tefore MQT.

B. Types of Tests and Scheduling
FPigure 21 gives testing highlights. Some of the tests related to airframe/engine are grouped
in the lover part of the figure. Also Figures 1 and 3 ere correlated with Pigure 21, At the start of

the program there are many choices, For example, see Pigure 12 for all of the nnzile choices. Rarly
testing is conducted to screen possible candidates and to give relativs psrformance. As the design
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Years

Define vehicle requirements. 4
Pick 1ikely vehicle configuration. A

Pick most promising approach for individual
components.,

Match inlet nozzle and airframe. .}

Freeze airframe, nozzle, and inlet. .}

Scale of inlet test models. A—-—-iLz—A A—%—A & % —A

Nozzle testing ld flow, small scalw. & t
with afterbody/ lHot flow, moderate scale. B —f

eroforce models, faired inlets. A——_A

eroforce models, flow through nacelles. - —t

Aesroforce models, powered simulators. b A
Points from Figure 1. €Y) Q) D OOy w

Points from Figure 3. A.B,C,D

&
»

AIRCRAME
MILESTONES

INTEGRATION
> -

AIRFRAME TESTING
RELATED TO ENGINE

. ——iyB,C, ¢

- omen . m e e s . o—

a. Alirframe.

Years

Define vehicle requirements. a

Define propuision requirements. A

Engine cycle screening. L—14

Pick best cycle. a

Design demonstrator engine. b—A
Choose key engine design features, 4—4
First demonstrator engine test, A

TUGINE

MILESTONES

Major engine design. A
Freeze engine design. 4

Comrressor distortion testing. A
Engine distortion testing; screens. A
Engine distorticn testiny; dynamic. A

A A
[ 14

Component rerformance testing,

TO ENGINE
INTEGHAT ION

Measurement of engine 4ross thrust coefficient.

a
Foints from Figurs 1. @ @ @@ GE7Ed

Poirts from Figure 3. A,ByC,D————————A,B,C,D

TESTING RELATED

b. Eerly Engire Events,
Years

Preeze engine design. A

First engine to test. A

First FFRT engine to test. 4

Flight test new engine, 8

Altitude tests. A

FFRT 60-hour endurance test. 4
Official clizmatic test, a
Official altitude test. 4

MQT, 8
Production, >
Points from Figure 1, @

¢. Later Engine Events.

Figure 21, Alircraft Development Cycle.
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freeze point approaches, emphasis is on absolute thrust and drag levels. Tests become more exhaustive
and more precise,

Since there are two major groups, the engire and the airframe manufacturers, working on
pieces of the aircraft, there is interchange of data. Engine tests must be scheduled to provide
necessary information to tl: airfreme contractor when needed and vice versa.

C. Assessing Progress and Prognosis for Success

About 2 1/2 years into the program, the engine u.~ufacturer has run his first demanstrator
engine. Shortly thereafter, as indicuted in Figure 21b, engine censitivity ! istorted inlet flow is
being tested.

At the same time into the program, the airframe manufacturer has gathared some data from his
1/3 scale inlet, For example, he knows the value of distortion index for M = 0.95, cx= 200, and § = 5°,
If the engire and airframe manufacturer use the same distortion index, it is possible to evaluau
likelihood of engine surge. If a distortion index of 500 causes surge and if distortion indices of 1000
are measured, then some urgnat issues need to be solved befnre design freeze. If the numbers are inter-
chanped, then one may want to make the inlet less fancy--e.g., cut down of bleed air-—-or else decrease
stall margin,

About 3 years into the program, the engire contrsctor has a value for C. based on the
demonstrator engine. At the same time, the airframe manufacturer has a fairly prec§§e drag coefficient
using an aeroforce model with powered simulators and hot flow afterbody tests, Combining the data
available at this point, the performance can be estimated. Based on thy outcome of this estimaticn,
the time before design freeze may bs hectis or tranquil,

Obwiously program management is not quite as simple as the preceding paragraphs might imply.
Information is needed et the correct time to make decisions. Need for information must be anticipated.

D. Validity of Test Deta

While the design is on peper, there is room for judgment and opinion., Once tests have been
conducted, the level of performance is no longer in doubt, assuming careful attention to experimentsl
detail. Possible uncertainty in test results can rssult from correction factors. Such correction
factors may be wird tunnel wall corrections, correction for pressure or temperature difference from
reference values, labyrinth seal corrections, etec. Decisions are based on test results.

E. Consistent Definitions

One consistent definition was already denoted; thct was distortion index. Both engine and
airframe manufacturers need to use the same definition for distortion index, including frequencv cut off
for time dependent data, number of transducers, curve fitting, etc. Methods for calculating ideal groas
thrust need to be standard. There are numerous other interface quantities that need to be defined,

In addition to consistent definiticns, identical format for data ecquisition and compatible
computer programs for data reduction can facilitate information exchange between the two major con-~
tractors.

IX, SUMMARY AND CONCLUDING REMARKS

Failure of some sircraft designas to mee” performance goals in recent times has feocussed
attention on procedures and techniques to determine tiirust minus drag. Extensive wind tunnel test
programs are necess'ry. Two types of wind tunnel tesis may be conducted: subscale testing of aero-
force mndels along with specialized inlet and exhaust models and full acale testing of propulsion
system with partial airframe., The former tests are always conducted, whereas the latter dapend on
program and aircraft,

Full scale static tesiing of the engine is conducted at both sea level and simulated
altitude yielding ¥ and C, . It is necessary to convart these values to installed F_, The method
ezployed is by me of Eobtained from exhaust tests, At the conclusion of Sectiofl V, there are
several summary remacks coﬁcerning aircraft exhausts waich will not be repeatved, These remarks discuss
the validity of cF g spproach.

In the early days of wind tunnel testing of propeller driven aircraft, variable frequency
electrical motors were developsd to provide simulation, More slaborate sirulators have been developed
for large bypass turbofans and have been utilized in several major test programs. Turbine driven
simulators for turbojets are under development making possible one seroforce model which simulates
simultanaously inlet and exhaust flows, Due to the expense of powered simulators, specialized inlet and
exhaust models will not be discarded.

Adrframe and engine development ocour in a parallel fashion, There are numercus critical
interfaces betyeen airframe and engine., The major factors of interface at inlet are pressure reccrery,
mass flow requiremeints, and distortion levels., PFor the exhaust system, the interface involves ncizle
pressure ratio, nozale area schedule, exhaust temperature, and secondary flows. There is a aignificant
interface with aircraft power needs. Power is extracted from engine by compressed air bleed or by
shaft torque. A timely flow of information between the airframe aud engine contractors concerning the
interfaces is necessary, and one function of the program marager is to faciliiate this flow.

An exceptional aircraft requires a suverior engine with superior irtegration into a superior
airframe. A poor engine in a good airframe yields an inferior aircrafi. J good engine in a poor
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a’rfrawe yields a poor aircraft. A good engine improperly installed in a good airframe yields an
inferior airecraft,

x.
(1)

(2)

(3)

(4)
(5)

(e)

(7)
(8)
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