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/ ABSTRACT

““The Internal Azrodynamics Handbook has been developed
in order to provide a convenient, accurate and reliable
internal asrodynamics design manual which enables rapid
determination of the internal sirflow effects on airplane
performance. It &lsc enables the computation of internsl
airflow systems performance by developed thecretical and
empirical methods. The scope of the design manual relates
specifically to invernal mercdymamics for the complete
aircraft speed range up to and including Mach 3.5. In
addition to the detailed dsta and methods praeentation,
an extensive bibliography is provided.
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LITRODYCT 1ol

Airbreathine vehicles have been developed for nuch

~f the flight spectrum applicable to their cperation.
In the twenty :rear historyv of turboijet operaticn,
f1ight speeds have advanced from moderate subsonic

to ach 3 and bevond, Recentlyr, new imnnvatiens

have apprared such as high by-pass ratic turbofans
with hirh air handling capacities which make inducticn
srstem losses and associated drag more critical
performance items than with conventional turboiets,
Variable 3-dimensicnal inlets, translating spikes,
and translating c~wls are fairly recent inncvations
aimed at propulsion system optimization, llew exhaust
s:rstem techniques such as variable guided expansi~n
eiector noggles, blow-in-deor nozzles and I suppres-
sicn plug nozzles are appearing on the scene to
troadaon the spectrum of performance trade-off to be
accomplished,

4 laree guantitr ~f data has heen gathered con
airbreathing propulsisn system perfcrmance, Some of
these data reside with this -ontractor in its several
divisi-ns, in publicationz of several gcvermnental
arencies and of other contruictors, 1n the field of
propulsion, inlet and exhaust flows and their effects
sn vehicle performance characteristics, there has
existed a definit~ nead to bring isclated, though
related, items of data together tn be correlated and
interpreted in the iight of known thecry. The effcrt
prasented herein was developed as a tool by which
futare design evaluaticns can be made on the basis o
a much mare complete and conprehensive crorrelation o
the laroe qaantit «f existing data than has teen
available in ths past,

£
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1.0 Inlet Design Considersiions

In order to furmish the sero-thermodynseic deeign of an adr induction
system, a great deal of information must e kniwn about the roles and
missions or the eircraft and about the device/dsvices that sre to be
supplied with air. The iteas that have to be considered as cdusign
features include size of the entry, leocetican, method of precampression
(if required), entry lip shape, orientatiom; cress-secticnal shape,
boundary layer removal provisioas (if required), and secondary air-
flow provisions.

1.1 Inlet Sizing

In high speed flight xegimes, when the flight Mach number is greater
than the inlet entramce Mach Number, the site of the freestresm tuhe
- area occvpied by the flew thet is required by the total propulsion
system is the most important criterion for selecting the size of the
inlet capture area. This is particularly true if the aircraft is
being designed to fly supersonically. This parsmeter varies with

' filight condition and hencé, its variation must be considered over

L the design fiight emvelope of the aircraft.

2 The most important air requivement is; of course, for the engine.

F Other air requiremecnts are minmor percentsges of the engine air re-

- quirement, usuelly hetween 5 and 25 percent. Therefore,an evalua-
tion of the 2ngine air freestream area regquirement trends will serve
to establish the reguiresent trend of the entire propulzion system.
Figure 1-1 is a plot of the Lypical variation of corrected airflow
versus Mach number in the stratosphere for a turbojet or turbofan

i engine. The corrected airflov parsmeter being used iz Wo /"é"te/ & 2
: vhere Wp 13 the engime sirflow in pounds per second, /Gyn is the
sqrare root of the ratio of the total tempersture of the air to the
y stundard total temperature of 518.688° R, and & yp iz the ratio of
the errine face total pressure to the standsrd total pressure of
14,6385 pounds per sguare inch,

KFoting that the corrected airfiow demand is expressed im a term that
r includes the engine face total pressure, it is sappsrent that the

) inlet, size requirement is a functior of the inlst performance. For
purposss ol this explamstion, a typlca) inlet performence schedule
will be assumed. This essumed schedule is plotted az Figure 1-2.




Coxruveted airflow divided by flow area, H/-Ot/A 6 +s 18 a function
of Mach mamber. This is easily seern wham we comsider the familiar
continuity expression, m = P AV. W Y. /A § . is tabulated in
Appesdix E and was used to gemerate the plot of Ay vs H currespond-
ing to the airflow d+mand plotted on Figure 1-1. Apperdix E aiso
centains tabulations of corrected airflow W v U/A 5 ¢ versus the
total to static prossure ratio Pi/P and another corrected airflow
parameter, W /Ty/A Py, versus Mach mumber.

Typically, the inlet capture area requiremsnt is determimed at the
highest flight Mach number_as ome would expect from the Ay versus M
trend of Figure 1-3. PFigure 1-k depicts the relatiomship of the
trecstream tube area, A, to the capture area, A.. The ratio Ay/Ac
is the mass-flow-r&tic amd is an importamt parmmeter in the ceapturs
area sizimg equatiom. The eguation can be expressed as

Wp/By /6., b,y L

AC= .

W /é /Ao {StO (SCO AO/AC (1°1)

where Wp is the sum of the saginme airflow desasd plus the other
flow reqeuirements of the sysiem such as boundary layer control
bleed and sccondary &irflow. & .5/ 6 ¢ is equal to Pep/Py,. If
the expected operating mess-flow-ratio at the design point is not
realized, a dowmward adjustment is required im the § ¢a/6 o tera.
This is accamplished by a dovmstresm motiom of the terminal shock
t0 a larger area where the increased terminal shock Mach mmber
will increase the shock loss.

The foregoing inlet sizing criteria are strictly true, only wien

the aly induction system has variable geometry with suftficient
authority to vary throsat area tc accommodate the high corrected
alrflow d=mand that the engine has at low speed. In the case of a
fixed gecmetry lnlet the sizing expression iz written for the minimum
or throat area as

Wp 'f€‘).2/<5t2 . E_tg

Al = 7 Y
W YgyA) 6{;1 étl (1.2)

where ¥ ¥ @/A; Sy 1s at the desired throat Mach mmber at the
opersting point where engine correcied alcllow damand 45 ot o maxi_
mum, The critical aizing point may bte in the low speed flight
regime when the mass-flow-ratio or inlet velocity ratio is greater
than 1.0, Selectien of the desired inlet Mach musber may then be
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based on parformsmce requirements. Inlet performamce in the low
speed flight regime is covered in the meaxt section. (Section 2.0).

Inlat Location

The operating enviromment of an inlet is governmed, in part, by its
location. However, because of the requiremeat for compatibility
with the oversall arramgement of an alrcraft, complete freedom in
the selection of lecation is not usually svailable. The large
rediomes on most high performasce military aircraft have made the
nose location unsvallablie. Also aircraft leagth is often such
that the duct would be unduly loag with the inlet &t the nose.
Hence, the inlet is ofter located some place aft on the body. Ome

then has the tark of selecting the location around the periphery of
the body.

Figure 1-5, which was taken from Refereace 1 shows the flow character-
istics about % body of revolutionm at mnderate supersonic speeds.
This set of characteristics indicates that the bottom quadrant is
the more favored location, with the top rumming second best. Con-
siderable angularity and increased local Mach nmmber are indicated
for the gides. However, most aircraft bodies are not bedies of
revolution and for practical reasons, the sides are often selected
for inlet location. The bottom of the body 1s shunned because of
injestion problems amd possible foreign object dsmage to the engine.
When inlets are located on top of the body and are far aft, there

is considerable dmager that they will be located in a separated
region, particularly at angle of attack. The side locatiom has

been used with success in several applications. The flow angularity
and freestreax Mach mmber elevation measured in flight tests on a
high performance aircraft with side inlets were quite moderate as
shown on Figure 1-6.

There iz no get method for evaluating the inlet location on an air-
craft. The foregolng discussion was meesnt to point up the fact
that location is a serious design consicaration. In any develop-
ment program, measurement of the inlet local envirommernt should be
given high priority.

Method of Pre-Compression

Pre-compression, prior to the terminal normal shock, in a supersonic
inlet can vary in dimensionality, quantity, and complexity accord-
ing to the requirementis of the air vehicie. Fre-compression can be
2-dimensionel (i.e., with ramp/ramps) or 3-dimensionel (conical).
The number of degrees through which the flow iz forced to turn de-
pends on the high speed requirements of the aireraft. The number




of obligue shock waves selected by the desioner depandz unpon the
required performsance level, Isentropic caqn-euion may be used to
achieve the required results in some cases. And finally, the pre-
compression devices may be made to vary with speed in order to

optimize parformance end to permit better imlet-engine matching
Alrcraft requirements can vary in the following manner:

All Subsonic

Basic Mission - Sustained Supersonic

Subsonic and High Svpersonic Mission Regquirements

Baaic Mission - Subsonic, Supersomic Performance Level Reguired
Subsonic and Moderate Supersonic Mission Requirements, High
Supersonic Performance Level Required

. Subsonic and Supersonic Mission Requirements with Emphasis on
Low Level Operation

N VM EWN -

While detailed trade-off studies are required in the final select-
ion of inlet type, the type selection is slamnted a pricri by the
above stated aircraft requirements. It is easily recognised that
the all subsonic aircraft does not need pre-campression. At the
other end of the spectrum, the aircraft with a sustained high
supersonic basic misszsion can well use a multi-shock, mixed external-
internal compression inlet to maximize net propulsive effort and
pinimige specific fuel consumption. If the supersonic spred per-
formance requirement is sufficlently high on the other four cate-
gorles cited, mixed compression might be required. External turn-
ing limitations are cited in Reference 2. One criteriom is that of
shock structure requirements as they relste to satinfylng equal
pressure across the vortex sheet between internal and externmal
flow. The other criterion relstes toc satisfying shock attachment
of both external and internal flow in supereritical operation.

This turning restriction 1s of liitle consequence below a Mach
number of 2.5. The air induction syatem requirements of a highly
mapneuverable combat sircraft designed to operate up to this. speed
can be satisfied with &1 extermal inlet compression with less
inlet control system complexity amd fewer of the attendant technical
risks. Alrcraft designed t¢c operate above Nach 2.5 may be required
to have partially internal shock systems to satlisfy performance
requirements.

The 3-shock, two oblique, one normal, all external systems has
been a fairly common cholce in auparsonic inlet desigm. A fixed
leaiing edge weage usually is used tc generate the firat obligque
shock. Variahie comnression gecmstry on the secomd shock is quite
simple to design into the system by allowizg the second obligue
shock to be generated by a hinged second wedge. Up to & Mach
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mmber of about 2.0, near optimum compression 15 available from
such & system. The deflection angle of the first wedge is often
limited by consideration of shock detechment at low supersonic
speeds, TFor instance, a 10 degree wedge generstes a detached
shock until a Mach number o~ 1.43. When the first wedge angle is
thus limited, the stremgths and statlic pressure ratios of the
other two shocks temnd to become excesslve in the Mach 2.0 - 2.5
regixe.

Isentroplc compression, using a curved compression surface, can
be used to improve performance and control shock sirength in that
Mach number regime.

The choice of 3-dimensional or 2-dimensicnal compression iz often
nede by general arrsngement coasiderations. A better oversll con-
figuration is probably achieved with 3-dimensionsl, axisymmetric
campression if the engine is mounted in ar isolated nacelle on a
supersonic aircraft., Again it is stressed that detailed desigm
studies are required to arrive at a final, satisfactory selection,
and developmental testing is required to confirm the selection.

Compreasion Surface Orientation

The question of whether or not 2-dimensional compression surfaces
should be horizontally or vertically oriented faces the designer
quite often. Intuitively it seems that the horiszontal crienta-
tion, imhererntly, has a higher degree of attitude telerance than
the vertical. However, there heve been vertical ramp inlets that
have operated and are operating successfully at angle of attack.
The development of attitude tolerance does, perhaps, provide more
challenge in the case of the vertical ramp inlet. However, there
are ways in which it can be accomplished. Same tolerance to angle
of attack can be provided by canting the inlet centerline downward
g0 thet at high aiveraft angles of attack. the inlet angle of
attack iz quite moderate. Angie of attack tolerance can aiso be
increased by modifications to the upper and lower sideplate design.
Therefore, suitability to the aircraft general arrangement sbould
be the governing criterion for compression surface orientation.

Boundary Layer Ramovel Provisions

High performance aircraft with the inlet located on the body or
other surface on which boundary layer can build usually reguire
some provisicon for diverszion of all or part of the boundary layer.
The reasons for this requirement vary with the aircraft and its
flight regime,.




Some purely subsonic aircraft require boundary layer diversion
because the high static pressure gradient in the entering streeam-
tube at very low mass-flow-ratios tends to interact with fuselage
boundary iayer. The disturbauics phencmeoncn thet sometimes re-
sults i3 often referred to as "duct rumble"™ amd will be discussed
in a later section elong with other unsteady flow phencmena.

Supersonic aircraft with preccapression always require boundary
leyer diversion when boundary lay=r is preseat in order to oper-
ate satisfactorily. Ingested boundary layer would react with the

injtial shock and campound shock - boundary layer interaction
problems with the subsequent shock warves,

Detailed attention needs to be paid to the design details of the
boundary layer diversion device. The major problems that can
occur are related to failure to give the intercepted Loundary
layer a sufficiently clear exit path. When thiz occurs, the flow

blockage can feed upstream and an apparent local thickening of
the boundary layer occurs,

For high performence and adequate inlet stability in the high
supergonic flight regime, boundary layer bled®d is applied to the
campression surfaces and scmetimes to the walls of an inlet.
Distributed porosity has been demonstrated as being quite effect-
ive. However, sloits which are more attractive from an ease of
fabrication standpoint can be located so as to perform just as
effectively. The design of a bleed asystem is ascmewaat of a cut
and try process. The correct place to bleed is in the region of
shonk boundary layer interaction. Bleed slots or porosity can be
located from Just upstream to just downstream of the expected
terminal shock position. During exploratory developmental test-
ing, the various candidate bleed positions cam be throttled down
or shut off to determine the most effective location/locationms.
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2.0 Air Induction Sy tem Loss Determination

The major contirbutimg factors to the loss of total preasure in air
induction systems vary with differemt flight regimss and operating
conditions. There are three flight regimes within the scope o this
study in which the makeoup of the loss comtributors differ., Commcn
to all three of these is the loss due to the combined effects of
fiwid friction, diffusiom, sepération, and changes in shape and/or
direction in thet part of the system with purely subsomic flow

most immedlately ilovward of the engine face.

In the atatic and very low speed flight regime, the pressure losaes
due to flow around the inlet lips is usually the most significant
loss contributor, particularly when the lips are falrly sharp and
thin as on most high performance aircreft. In the supersonic flight
regine, the losses associated with shock wavres became significant
contributors to the overall total presaure loss.

2.1 Inlet Lip Losses - Sherp Lips

Reference (1) is a classic theoretical presentation of the mechanism

of the total pressure loss due to iniet flow over completely sharp

lips at inlet velocity ratios in excess of unity. This theory is
developed by use of & total momeniws balarce in which either a 1lip
suction force or a loss in total prezaure ls regquired to satistfy
conservation of mamentum. In the cese of & coaspletel;” sharp cylindrical
inlet which does not have 1ip frontal sres to suppori a suction force,
the necessary total prassure loss wis readily theoretically predicted,
This was done in Reference 1 by writing the momentum balance as

o= v M P+ (PL-B) A == vhy Mol Ay (2.1)
and writing the continuitiy relation as
a ag -
pl(H—aﬁ—)l & = P, (HT-I A, (2.2)

and coasidering that

o, h (B/m)g

(2.3)
Pro Py (B/Py)
and combining eguations %o yleld
P/P.
o (P/Pt)o . (2.4)
Pto (P/Pt)l [ 1+ vy Mlz -y Moa (M _tﬁ )]]
Mty
LR BN

This relationship is plotted as Figure 2-1 ., Data from Reference 2
fur & sharp lipped Iinlet is plotted thereon, and shows reasonable
substantiation. The reason for selection of Reference 2 data wes
the low diffuser loas level which makes the comparison near valid




wlthout separation of the two loss contributors. While the agreement
is very good at inlet Mach numbers up to about 0.7, premature choking
is noted for the Reference 2 model. This is belleved to be due to the
approximately 1.5 diameters of constant area throat in the model. How-
ever, for inlet Mach numbers in the practical range, the method is
shown to be valid for predicting losses incurred in flow into a sharp
lipped inlet. A computer program has been written based on equation
2.4, A l'sting of the program is included as Figure 2-38,

The sharp lip losses derived in equation 2,4 are an invisced phenomena.
In the "real world" of viscous forces an additional sharp lip loss
occurs due to separation 2f the internal flow at the sharp 1lip. This
separation can be minimized by correct rounding of the internal lip

| shape (at the expense of internal contraction), however, it should be

P emphasized that the sharp lip losses calculated from equation 2.4 are
the theoretical optimum performance that car be expected. Since equa-
tion 2.4 is derived assuming a zero exterual cowl thickness and since
no improvement over this value can be derived from the intermal cowl
shape the next logical question is "What effect does the external cowl
] shape have on sharp lip losses'. To find this effect, equation 2.1 is
3 modified to include a force on the stagnation streamline (F)

@0 = @1 + F (F defined positive in the thrust direction)

e If this equation is now combined with equations 2.2 and 2.3 as before,
the resulting equation is:

! (P/Podo

3 P

?‘t’l - - 2.4a
: + 1

o (p/Py), [1 +¥m? - (mg - F/po)‘“'“a> ]

1 aa

f‘ (‘[ a)O

3 To determine the effect of the external cowi thickness on the §

or
term consider the integration of the pressure aiong the stagnatic
streamline. As shown in Reference (1),

e
<o
1

oo

T
yﬁ
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las)
1
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o]
—
&
"
<

had 5

J \ = - ( (P-Po)dA = -F 2.4b

S -0
where S is the stagnatioa point on the cowl. The term on the left
hand side of equation 2.4b is just the pressure drag term of the cowl
which will increase with increasing thickness. The negative sign in
equation 2.4b showe that the integration along the stagnation stream~
line from freestream to the stagnation point, defined as F, will be in
the thrust direction as defined. Therefore, from equation 2.4a, in-
creasj gthe cewl thickness will increase the positive force term which
will iu turn increase the sharp lip losses. This again shows that the
sharp lip losses of equation 2.4 are the theoretical optimum performance

o~
-]
H
o
-
|2>
[

that can be expected.
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2.2 Inlet Lip Losses - Rounded Lips

The theory for inflow losses with rouwr led 1lips, at mass flew ratios
in excess of unity, is an extension of the tneory for sharp lipped
inlets. Reference 3 gives a similar expression to Equation (2.4)
for the estimation of inlet total pressure recovery for a round
lipped inlet; it is

Py, _ 1+K (A/h)

Pyy o Y
Pto (P/Pt)l + M12 - Moa (i.___fg__l‘l. (2.5)
(®/Pt), (=

In the above expression, a value of K equal to unity represents a
perfect vacuum acting on the inlel 1ip projected area Af.

Reference - represented the most consistent set of data available
for the performesnce of a family of inlet lip configurations which
shared in copmon a reiatively low loss subsonlc diffuser. The sub-
sonic diffuser loss was evaluated from test data taken with a bell-
mouth inlet installed and was considered to epply at & given in.et
Mach mmber for the entire test range of free stream Mach numbers
from O to 0.33.

The data svailsble from Referemce < included, in sddition to the bell-
mouth case, a sharp lipped profile, round inlet lip profile shapes and
elliptical profile shapes. Round inlev lip profiles with radii of 0.0L,
0.08, 0.16, 0.2h, and 0.32 inches were tested. The inner minor axes

of the two elliptical profile shapes tested were 0,08 and 0.176 inches.
The major axes of the elliptical profiles were 3.6 times the minor axes,

After isolating the 1ip loss from the subsonic diffuser loss by the
use of data furnished for the bellmouth inlet, arn analysis was con-
ducted to determine the veiuwe of K in Equation (2.5). A determination
was ulso made of the value of K that would be required to make tae
1ip loss vanish. For the roand lip inlets the {wo curves were found
to have some similarity in shape characteristic. An example oi’ this
is sheown in Figure 2-1. As a result of this study, an average set
of values of the ratio of K toc the K regquired to make the lip loss
vanish was derived from the Reference . data and is shown on Fipure
- . Velues of Kreqq 8re plotted in Figures _-° wad _-@ for
freestream Mach numbers up to O.4, Since the values in Figure

e
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A7, used in correlation Al suggested for arbitrary shape

were derived from faired data and averaged, they wsre them used to

ctlculate values for cemparisoa with the data sa published in Ref-
eremce 2 . This conparisss is showm &m Figwres 7- and 2- and

the agreement is showa to be guite reasomable.

Correlation of data for the elliptical p efiles wa: quite good at
the static lest comdition and the method for rounded imlet lip pro-
files can be used, with confidence, &t static conditions for a
variety of curved inlet lip profiles, However, &t forward speeds,
slliptical end cirecwlsar lip profile data did not agres. This is
becawse the 1lip loss is dependent uy on the pressure force gemerated
inboard of the stagnation stresmline of the ematering flow., At
stetic comdition, virtually the entire 1lip is within the stagnation
stremmline, while &t forward speeds the peoint of impingement of the
staymation strammli. e varies with speed. Also at the point of
inpingement of the stagmation stremmline the pressure is elevated
locally, snd this affects the lip asuctiom force. The amount and
extent of tliis effect is concluded to follow a less predictable
pattern in the case of the elliptical profiles. This is believed to
be caused by the fact that the elliptical profile has a varying
radius of curvature as opposed to the constant radius of curvature
of the circular prefile,

For arbitrary 1ip profile shapes, potential flow theory provides the
antlytical base on which predictions of lip forces can be made.
However, this type of aralysis 1s far too cemplex to fall within the
scope of this pressnt work., In order to provide some guidelimes for
mditying the anavers obisined from the method givem for circular
prafiles;, exsmples of deta taken with ellipticsal profiles is shown
plotted with the corresponding calculated circular profile pressure
recovery on Figure 2-5,

Loy Speed Inlet Loas Celculation Method

Following is the suggested method for calculating the inflow portion

of total pressure losses at mass flow ratios, -1/no, gr=ater than unity.
In this method, the mass flow ratio term, -1/1*, the ratio of mess flow-
ing in the inietl t& the Theoretical choking flow, 1s being used as

the reference ratice.
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Required basic geometric data is the ratio A/A;. The method
herein was correlated using the entire circular profile inside
and out but ignoring the 15° cowl on the outside downstream of
the 1lip. Therefore the suggested criterion is to assess the lip
frontal to the 15° tangency point.

Select a range of low speed freéesiream Mach mumbers Lo be analyzed.
Select a range of inlet Mach numbers to be analyzed.

Evaluate the corresponding values of total pressure ratio fTor
completely sharp lips (Pty/Pyo @ AL, = 0), from Equation (2.1) or
read from Figure

The reciprocal of Ptl/Pto @ Ay, = O produces 1.0 + Kg (ﬂ‘-) . ‘‘nis
can be readily derived from Equation (2.5).
Calculate the value of K required to make tne lip loss vanish as
.o+ kg (a/a)) - 1.0
Kreqa Or K =
< A/
The bracketed quantity was determined in Step 5 above.

If present correlation is acceptable for configuration in questicn,
read K/Kg from Figure 2-3. The alternative being to resort to
experimental methods or potential flow theory.

The ratio of the estimated total pressure ratioc to the sharp lip
total pressure ratic is then 1.0 + X (4 /A;)

After obtaining the estimated Pyy/Pty, = (Ptl/PtO)AL <0
(1.0 + K (A /Ay)

the reference mass flow ratio, m/m¥, can be calculated for eacn
point analyzed.

a
- o~ ., 3 g
Tne mass flow ratio, m/m* - 1.72% (Ptl/Pto)(F/Pt)l

@
—

The derivation of the above sppears in Reference 1

Many tabulations of (p/Py) are readily available and M -{%JE
can be shown to be equal to M Yﬁt/T , » T¢/T being also readily
available in tebulated form.
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2.4 Inflow Losses ai Subsonic Speeds; Mass Flow Katios Less Than 1.0

At subsonic flight speeds and at mass flow ratios of 1.0 or less,
there is no theoretical inflow loss. The losses in total pressure
that cceur in an air induction system in this flight regime can
be accounited [or as occuring frem friction, diffusion, or other
ducting loss. Methods for analysis of subsonic duct losses will
appear in a later section of this report.

2.5 $Sacck Loss Determination

During alr induction system operation at superscnic speeds, a loss
in total pressure is incurred due to shock waves as the flow is
reduced to subsonic speed. Depending upon the configuration, the
shocks can be two or three dimensional. Another breakdown is into
the categories of attached oblique, detached oblique, and normal.
The latter is treated as a one dimensional phenomenon. There is
no known rigorous theoretical method for the analysis of detached

obligue shocks.

2.2.1 Normal Shock Loss

A normal shock is formed when a pitot entry is placed in & super-
sonic airstream or also can occur as the terminal shock im a
compression chaln downstream of oblique shocks or isentrépic com-
pression elements as shown in Figure 2-9.

Reference L. gives the following expressior for the total pressure
ratio across a normal shock:

.I.,—t.a_ = _-.—t.g- = (] R
Piy il
. L
- [(wl)ul? ] 1 ( S —lw
e — 2 _ o
Ll'-ugl—*‘._l 127 ¥ (v 1)#

which for a value of the ratic of specific heats, vy , of 1.h40
becomes:

3.5 2.5
Pio (/6 M;2 ) 6 ?
Pey M2 4 5 7M12..1

M +
v 4 < v /
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2.5.t

For most alr induction system analyses im the flight spectrum
covered by this present work, a value of 7 = 1.U is acceptable.
Values of normal shock total pressure ratio for vy = 1.4 are
Plotted as Figure 2-10 along with other pertinent normsl shock
relationships and appear in Appendix B in tabulated foram.

. 2=Dimensionsal Oblique Shock Wave Analysis

The expression for the total pressure ratio across an attached
oblique shock is similar to that for a normal shock, the differ-
ence being that the upsiream Mach number, My, is replaced by the
camponent normal to the wave, i.e., Mj is replaced in Equation
(2.6) vy My sin Oy, where Oy is the shock wave angle. Following
18 the expression for the total pressure ratio:

=28
P2 L P2 . F
Pgy et Y
. v
= RY+1)M125m20w ( Y41 ]

L(Y-l)lﬂl sinaow-l-z

which for Y = 1.4 becomes

3.5 2.5
Prg 6 Mla sin? O 6
Pay M2 sin® gy + 5 742 sin? oy - 1

Equatirn (2.7) is valid for the total pressure ratio across any
shock wave. For the normal shock the wave angle Oy is 90° and
hence the sine is 1.0 and Equation {2.7) becomes identical to
Equation (2.6). Figure 2-11 is a graphic preaentaiion of obligue
shock wave veloclty relationships. The tangential components of
the velocity are equal on the two sides of the shock wave, Equa-
tion (2.6) can be used to calculate the total pressurce when the
noreal component of the upstream Mach mmber is employed., The
expression is valid also for three dimensional attached oblique
shock waves. The relationahip between the surface deflection
angle and wave angle is different for threes dimensional waves,
but the relationship betweasn the total pressure ratio and the
shock wave angle remains the same,

1
T

[_?Y M2 sin® o -( Y -1)_[ (2.7)
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Referezce . gives several expressicns for the relationship be-
tween flow deflection angle, & , and shock weve angle, @y. TIwo
of these appear below:

’ 2
cot 5 = tan O (vy+1) M -1

2 () 2 s1x® Oy-1) (2.8)
which for ¥ = 1.4 becomes

[~ 2
cot 5 = tan Sy 6 M -1

5 (My 2 sin? Qy-1)
and

2 cot @y (M 2 sin? @, - 1)

tan 5 = Nl °v

2+ M2 (v+ 1 -2 5102 Q) (2.9)

which for ¥ = 1.4 becames

tan 5 = Scotﬁ,(llzsina%-l)
5+ 4% (6 - 5 sin® Q)

In smultiple oblique shock systems, there are optimum combinations
of deflection angles for each supersonic Mach number. The re-
sults of an an&lysis performed by K. Oswatitsch, the tramslation
of which appears as Reference 6, give the optimmma angles for two,
three, and four shock two-dimensional systems. These systems
have one, two, and three obligue shocks, respectively. Each has
a terminal normal shock., Figure 2-12 presents the theoretical
shock pressure recovery values for optimum two, three, and four
shock inlets. Figures 2-13, 2-1k, and 2-15 present curves of
the optimun deflectlon angles for two, three, and four shock in-
letas. Figures 2-16, 2-17 and 2-18 present the corresponding
shock wave angles and Figures 2-19, 2-20 and 2=21 present the
corresponding Mach mmbers, For the amalysis of non-optimum
multiple shock systems, tabulations appear in Appendix C from
which theoretical performence of the shock systems can be analyz-
ed. Such informgtion usually is presented in grephicel form,
exsmples of which can be found in Referencez 4 and 5, however it
was felt that this tabular form would be both handier and more
accurate. The range of deflection anglea fer which the calcula-
tions were made extends into the regliom of shock detachment,
When this happened. s comment was printed. The conditions for
shock detachment and also for the attairment of sonic flow
appear as Figure 2-22, The program, fram which the Appendix
tabulation was calculated, makes an attempt to handle the

2-3
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detached case. As was mentioned previously, the solution for

the detached case is not theoretically rigorous. Test data re-
sults indicete that the answer in the tabulation for total press-
ure ratio in the detached case 18 conservative, Examples of this
will be shown in a later subsection. Sample culculatiows and
substantiating data for supersonic air induction system loss
estimation will appear later when all the loss contributing items
have been discussed,

Axisymmetric or Three-Dimensional Oblique Shock Wave Aralysis

The analysis of the flow field downstream of anm sthach.d vblique
shock weve generated by & right circular come is ccusiderably
more complicated than that generated by a two-dimesnsionsl wedge.
Equation (2.7) does, however, hold true for the total pressure
ratio across the shock. The theoretical expresszion for super-
sonie conlicel flow is:

Cfve [ (dvr)e A (v 2.y 2>{
/]

awe [ 2 qc 2 n d
- -1%1_ (g—l—,—r-) cot w - ¥V, (.g_g_l.‘.)z
+ -12—'2 (Vm2 - Vra) }%‘_ cot w
F (D) Ve (V2 -2 = o (2.10)

where V,. 1s the velocity along a ray, w is the ray angle, and
V. is the maximum velocity attainable by adiabatic expension to
lgsolute zero temperature. This equation and its derivation
peer in Reference 7. 1t cam be solved numerically by the
assumption of a surface velocity and the knowledge that d V./d .
is zero at the surface. The other boundary condition is Equa-
tion (2.7) and the relationships shown on Figure 2-11 at the shock
wave. Teabulations of some of the pertinent £low perameters of
conical flow including shock total pressure ratio appear in
Appendix D. Unlike the two~dimensional case,; these tabulations
are not adequate for the analysis of multiple sheck conical
systems.
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A conical flow field is non-uniform, This is shown by a semple
solution ef Equation (2.10) which is includel in Appendix D.
Whon there are two axternal conical shocks, as depictrd by
Figure 2-23, the second wave is curved due to the non-uniform
conical flow field, Reference 8 suggests that the second shock
can be esziimeted gz & two-dimensional shock in the average
coniral flow field. This is spproximately correct when making
an saaalysis of shock total pressure ratio. However, this does
not define the shape of the wave and allow cne to determine
accurately the intersection of the two shocks and the relation
of the second shock to the inlet lip. A more exact mnalysis
was made of the second shock in which the orlentation of the
downstreaw flow field was checked by contimuity considerations.
A sample result is included in Appendix D and indicetes that
each element sf flow in a conical flow field is turmed through
an angle equal to the surface turn. An additional accuracy
check on the result was made by a total mcmentum integration to
produce an additive drag coefficlent very neerly equal to zero
for the cylindrical control volume comsidered.

In addition to the conical flow field analysis results, EDPM
logic listings are included ia Appendix D so that internal
acrodynamics manual users wishing to perform additionsl external
conical flow field analyses on EDPM will have them available,

Another method of analysias that is often used for axisymmetric
flow field analysis is the method of characteristics. Refer-
ence 9 presents a programmed method of characteristics write-
up that is suitable for calculations of the flow field in cases
where there is only one external shock. This program will
rcconmodate multiple internal shocks, including reflected
oblique shocks. However, sudden slope changes such as the
second cone of 8 double come inlet are treated by that pro-
gram as generating shocks of zero strength.

There has been no optimization analysis performed for multiple
shock axisymmetric inlets as extensive as that perlormed by
Oswatitch for two-dimensional iniets. Reference 8 does, how-
ever, present values for optimm single and double cones which
eppear as Figure 2-24,

2-10
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2.6 Irternal Ducting Losses

2.6,1 Principles of Ducting Loss Analysis

2.6.1.,1 Sourccs of Losses

Pressure losses are caused by friction, momentum, and turbulence
effects in the air flowing through ducting. Since air vehicle

2 engine inlet ducting is relatively short, the friction losses are
relatively small. However, friction can be the primery suurce

3 of subsonic loss in straight inlet ducts with small divergence

L angles. Friction can also be a major factor in the loss of inlet
. ducts with bends cr high divergence angles because the momentum
o and turbulence losses are affected by the duct velocity profiles
produced by friction.

Frictional forces are generated when air flows along duct walls

(or other solid surfaces). Except with rarified air (not encountered
in engine inlets), there is no s'ip of air particles at walls,

and duct flow causes shearing stresses in the air near walls. The
walls therefere impose frictional forces opposite to the direction

of air flow. The wall friction also builds up boundary layers

with lower wvelocities than the primary duct flow. These boundary
layers are an important factor relative to most of the momentum

and turbulence pressure losses. Friction is the only source of sub-
sonic pressure loss in straight ducts of uniform crnss section.

Momentum forces are genmerated by the static pressure distribution
imposed on the ducting walls (or other solid surfaces) by the

flow pattern of the primary air stream (outside the boundary
layer). Elbows impose momentum force components opposite to the
direction of air flow because there is centrifugal acceleration

of the air during turning. Screens impuse momentum forces opposite
to the direction of ail~ flow because of the difference between
vindward and leeward surface pressures produced by the flow.

Turbulence losses occur when the primary flow separates from
duccing walls and produces reverse and vortex flow near the walls.
These spurious flows produce direct losses by turbulence, and the
separation of the primary flow from the walls can also increase
the momentum losses. Separation is most commonly encountered in
regions of flow expansion or deceleration. These regions have
adverse (positive) pressure gradients because the static pressure
inrcreases in the direction of flow. When the low velocity £luid
within the boundary iayer cannot cope with the increase of pressure
produced by the primsry flow stream, reverse flow will occur along
the wall from the higher pressure regions further downstream. The
-~ prtimary flow is then separated from the wail by a region of reverse
- and vortex flow, The onset of flow separation is a function of
the nature and thickness of the boundary layer as well as the

= magnitude of adverse pressure gradient (and other factors).
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2.6.1,2

Scparation is more likely with laminar than turbulent houandary
layers and is most likely with thick boundary layers. Separatiocn
is an important zonsideration in sabsonic diffusers because of

the required adverse vressure gradients,

Correlation of Duct Component Pressure Loss Data

Basic data are usually present=d as a diwensionless loss coef-
ficient defined in terms of duct dynamic pressure as shoim
below:

Ky = APT/q = loss coefficient of a specific ductiag
component {Section 2.5.4.2 and 2.5.4.3)

AP = total pressure loss in ducting component
q = pv2 = dynamic¢ pressure a< ducting conponent inlet
2g '
¢ = air density

V = alr velocity
g = acceleration of gravity

Most of the available loss coelficient data are In the form of
total combined (frictien, momenzum, and :urtulence) loss for a
duct conponent when connected dowistream of a pipe with fully
developed turbulent flow. A duct length 25 to 100 times the duct
dianceter is required to obvain fully developed turbulent pipe flow
(References 10 and 11). Engine inlet systems usually have lengths
less than tsn times their diameter, and their duct components will
have undeveloped duct tlow (boundary layers not extending to the
centers of ducts). The friction loss of an engine inlec duct
component wiil therefore be dependent on the characterisuvics

cf the local boundary layer.

The boundary layers would usually be tiiin and turbulent near the
upstream end of engine iulet subsonic ducting. Duriang supersonic
fiight, an inlet has one or more shocks upstream of the sibsonic
ducting. The interaction ¢f shocks =1ith boundary layers tends to
produce transition to turbulent flow and thickening in boundary
layers (Refcrences 12 and 13), but the thickening is usually
suppressed with suction boundary layer cortrul provisions on
engine inlet systems. During subscnic £light, the throat (minimum
cross sectional area {of an inlet will be a short distance
downstresm of the lip stagnation regions. The short flow dis-
tances along walls tend to produce boundary layer thicknesses
wiich are suwall conpared with tlte engine inlet rhroat size,
However, the flow distances will usually hbe long ercugh to obtsain

relatively hkigh (greater than 10%) Reynclds number a: the throat
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{based on distance from leading edge}. Transition tc¢ turbulent
flow is likely in thls Reynolds number range, particularly with
the adverse (positive) pressure gradients downstream of the throat
(References 10, 11 and 14),

Assuning 2 turbulcnt boundary layer or a smooth flat plate with
no pressure gradient, tne boundavy layer growtn can be approximately
defined as shown below (Reference 10).
2
§* 0.04625 x / (R, ¢.2 _ local boundary layer (2.11)
displacement thickness

it

X = Distauce downstream of the turbulent bouncuary
layer origin
Ry = Reynolds number based on the dimensional length

downstream of the turbulent boundary layer origin.

The above flat plate equation can be used to estimate boundary

layer growth along the inside of duct walls. Walil friction
coefficienrs can be estimated from experimental data (Reference

1i1), which shows magnitudes similar tc a flat plate near the duct
inlet and magnitudes corresponding to fully developed pipe flow

25 to 100 diameters downstream of the duct inlet. E.t.msies on

this basis (Figure 2-25)involve inaccuracies due to the assumption

of a turbulent bouncary layer, the assumption of a hydraulicaily
smecoth surface, and the neglect of pressure gradient effects on

the boundary layer. The assumption of a turbulent boundary layer
introduces little error in skin friction estimates because the
laminar and transition flow lengths would be relatively small for
engine inlet ducts. The assumption of smooth surfaces will cause
pressure loss estimates to be sumewhat lower than actual losses,

but there is no practical general method of accounting for roughness.
Neglect of pressure gradient effects coculd rause large errors in
sunsonic diffuser skin fiviction estimates for conditions approaching
thos> of flow separation, but skin friction losses are small compared
with nomentum and turbulence losses for these conditioms.

Boundary layer tnickness is an important factor relative to sub-
sonic diffuser momentum and turbulence losses. The skin friction
coefficient has a direct effect on duct friction losses. The
pressure loss of a ducting ccmponent can be correlated as the sum

of the friction loss and the momentum and turbulence loss (References
15 and 16). The usual duct friction correlation factor is four

times the friction coefficient (Reference 12). With turbulent
boundary layers, the variation of friction loss factor is relatively
small (Figure 2-25), and a typicel loss factor of 0,02 is frequently
assumed for pressure loss estimates (Reference 17).
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len to turbilent flow
performance of an engince
inlet systcm. If transition does not occur nvar the engine inlet
syste: throat, laminar separation could occur within the Jdiverging
duct The loss usually would then be much greater than that due
to friction. 1Inlet performance may be improved %y a lip boundary
layer trip when the operating Reynolds number is too low to assure
early transition with a smooth surface. Roughness criteria for

boundary layer tripping are available (Reference 18).

Evaluatica of Overall Inlet System Loss

Total losses are evaluated as the sum of individual duct component
losses. The most important loss is usually the subsonic diffuser
because it contains an (adverse) expanding air stream uith
relatively high dynamic pressures. The losses are therefore added
in the manner which yields an overall loss coefficient relative

to the dynamic pressure at the throat of the subsonic diffuser.
This invoives correction for cross rectional flouv area differences
of various ducting components as shown below.

Ko = ZRAI/An)z Ky = Overall engine inlet loss coefficient
based on throat dynamic pressure (2.12)

Kn = loss coefficient of a specific ducting component
(Section 2.5.4.2 and 2.5.4.3)

Ayl = arca at the dnlet of subsonic diffuser (throat)
of an engine inlet system)

An = area at the inlet of a specific ducting component

The above relations are for incompressible flow, and they are
exactly applicable only at low Mach numbers. Typical engine inlet
systems have relatively low Mach numbers except at the throat
(subsonic diffuser iniet). Pressuve losses usually increase
moderately with diffuser inlet Mach number except in the range
near that for choling (Figure 2-26), but there are considerable
scatter in the data (References 16 and 19). Test dacta indicate
that choking occurs at an average Mach number somewhat lower than
would be defined by the theory for the effect of boundary laver
thickness (Figure 2-26), probably because of minor flow angularities
at the sectioa which chokes. Compressibility effects are usually
neglected when computing engine inlet system pressure lossecs
Lecause there arce no Qquantitative general anzlysis methods
available. However, the compressibility effects always impase
pressure losses which essentially limit engine inlet systen air
flows at high diffuser inlet Mach numbers.
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Suwbsonic Diffusion losses

Ceneral Considerations

A subsonic diffuser is a duct which increases in cross sectional
area in the {low direction. Engine inlet diffuscrs frequently
have complex contours not conforming with any geometric shape.
Typical cross sections of interest are (approximatcly) reound,
rectangular, and annular. Rates of divergence are usually not
uniform over the entire length of an engine inlit diffuser. These
factors limit the gencrality attainable in geometric correclation
of diffuser pressure loss data.

The rate of divergence in the direction of flow is an important
factor relative to diffuser performance. Conical divergence is
designated by the included wall angle (28,), and this alse
provides a correlation of non-conizal diffuser momentum and
turbulence losses (Reference 16), Hany other methods have been
suzgested for correlation of non-conical diffuser data (Keferences
15, 16, 17, 19 and 20), the most general being in terms of an
"equivalent conical diffuser". The specific designation is the
included angle of a cone with the same inlet area, outlet area,
and length as the non-ceonical diffuser,

204 = 2 tan~! /A2 - YAl = equivical conical angle (2.13)

—

1 L4
Ay = diffuser inlet area
A2 = diffuser outlet area
Ld = diffuser length

The equivalent conical diffuser angle provides a general indiciation
of diffuser length required to achieve divergence from one cross
sectional area to another (Figure 2-27), and it can be utilized to
cerrelate diffuser friction losses. The diffuser inlet-to-outlet
area ratio is also a factor in diffuser pressure losses, but the
area ratio correlation for momentum and turbulence losses is
different than for friction losses (References 15 and 16).

Kn = ké (1 - Ap/ap)2 + 4f kd [1—(A1/A2)2] (?.14)
Kn = diffuser loss coefficient
k; = reference momentum pressure loss coefficient for
a specific type of diffuser (Figure 2-28)
kg = 0.1612/A/Dgtan@; = reference friction pressure loss

coefticient for a specific type of diffuser (Figure 2-29)
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@, = equivalenti conical half angle o
4f = duct friction loss coefficient (Figure 2-23)
A] = diffuser cross sectional Inlet area

A2 = diffuser cross sectional outlet area

Y&/De = a weighted average cioss sectional shape factor based
on diffuser area (A) and equivalent diameter (De)

De = 4A/p = equivalent duct diameter (hydraulic diameter)
P = diffuser cross sectional perimeter

The reference friction less coefficient is a coefficient normalized
to a unity friction loss factor and to an intinitely small inlect-
to-outlet diffuser area ratio. The ratio of square root of ares
and equivalent diameter accounts for the effect of cross sectional
shape on friction (Figure 2-29). When a diffuser incorporates

a change in shape (i.e. rectangular inlet and circular outlet

cross sections), a weighted average value of the ratio can be used,
the important weighting being assigned to the high velocity

regions nzar the diffuser inlet.

The reference momentum and turbulence loss coefficient is a
coefficient normalized to an infinitely small inlet-to-outlet
diffuser area ratio. Since diffusers have adverse (positive)
pressure gradients, boundary layer thickness is an important
factor relative to the losses (particularly flow separation
losses), and this is best correlated by a dimensionless bounlary
layer thickness parameter (Figure 2-28).

*

81/R1 = boundary layer thickness parameter

8% = boundary layer displacement thickness at diffuser
1 inlet

Ry = diffuser inlet section radius

(or other characteristic dimension)

The diffuser inlet section characteristic dimension Ry is half

of the distance between diverging walls for all types of diffusers
(conical, rectangular, and annulars), and this defines the radius
of a conical ditfuser. The boundary layer dispiacement thickness
can be estimated for subsonic flight (Figure 2-23), but is usually
dependent on the unknown effectiveness of the inlet boundary layer
control provisions during supersonic flight. A boundary layer
thickness parameter of 0.01 has been suggested as desirable for
inlet boundary layer control (Reference 19), but this is nct based

on any quantitative theoretical or experimental data.
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The diffuser loss criteria above would imply that increasing
Reynolds aumber would produce decreasing friction loss (Figure
2-25) with no change of momentum and turbulence leoss. The momentum
and turbulence loss could theoretically increase with increasing
Reynolds number because of boundary layer effects, and the actual
diffuser loss trends with Reynolds number are not known (Refer-
ence 16). The exact effects of Reynolds number arc believed to

be dependent on what portion of the total loss is caused by skin
friction. However, the magnitudes of these effects are believed

to be relatively small.

Conical Diffuser Losses

More data are available on conical diffusers than any other type,
and the diffuser momentum and turbulence loss criteria (Figure
2-28) were developed from conical diffuser data. Application of
this criteria for a selected thin boundary layer ( 5T/R1 = 0.01)
and addition of friction loss (Figure 2~29) for typical conditions
(4f = 0.02) yields conical diffuser loss trends (Figure 2-30Q).

With ifarge divergences (small inlet-to-outlet area ratios), the
overall losses are lowest for approximately 5 to 10 degree in-
cluded angles. 1In this range the optimum compromise is obtained
between the friction and the momentum and turbulence losses.
Conical angles smaller than optimum are seldom of interest for
engine inlet systems, but large conical angles are frequently
desirable to obtain short diffusers. Conical diffuser losses
increase very rapidly at included angles greater than approximately
20 to 25 degrees, and the losses are usually greater than for an
abrupt expansion at angles greater than approximately 50 degrees.
Zero length diffusers (abrupt expansion) are sometimes considered
for engine inlet systems, particularly when high inlet-to-outlet
area ratios make the absolute loss levels relatively emall

(Figure 2-30).

Diffuser momentum and turbulence losses increase with boundary
layer thickness (Figure 2-28), and friction losses are a function
of flight Reynolds number (Figure 2.25), Large (up to threefold)
differences in the conical diffuser pressure loss trends with
boundary layer thickness have been observed during individual
experiments (Figure 2-30 and Reference 16). The reasons for these
large differences are unknown, but boundary layer tripping
techniques appear likely to be an Important factor in the diffuser
test data. Most of the diffuser tests involved boundary layer
tripping, and undeveloped pipe flow tests have indicated that
tripping can produce significant increases of friction not
conforming with the conventional turbulent boundary layer theory
(Reference 11). Although the boundary layer thickness correlation
herein (Figure 2-28) is based on extensive test data (Reference
16), the accuracy of the correlation is known to be limited.
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2.6.2.4

Non-Conical Diftuser Losses

Because of the geometric aspects of two and three dimensional
supersonic engine inlets, rectangular (or square) and annular
diffuser cross sections are frequently of {nterest. Non-unitorm
divergence along diffusers is also of Interest because lower
pressure losses can be obtained than with constant divergence.

The many geometric variables pertinent to engine inlet diffusers
make exact general definition of non-conical diffuser losses
impractical. Equivalent conical diffuser angle is the most general
criteria for rate of divergence, but wall divergence angle has been
found to provide better correlation of pressure loss data (Reference
16). For non-uniformly divergent diffusers, wall angles are defined
arbitrarily in terms of angles subtended by the inlet and outlet
cross sectional areas (with minor aerodynamic fairings near the
diffuser inlet and/or outlet neglected).

Diffusers with uniformly divergent rectangular and annular cross
sections have greater pressure losses than conical diffusers
(Figure 2-31). There are larger momentum and turbulencze losses
when diffusion is not axially symmetric, and there are larger
friction losses when ducts have greater wetted surface areas.
Uniformly divergent diffusers a: " limited interest in engine in-
let applications because lower p:...ure losses are attainable with
non-uniform divergence.

The most efficient configurations of short diffusers involve non-
uniform divergences commonly designated as trumpet shaped. Exact
optimum shapes of such diffusers have not been defined. Uiffusers
with many acrbitrary shapes (such as double truncated cones and
various mathematically defined curves) have been tested (References
15, 16, 17 and 22). These diffusers have losses comparable with
conical diffusers of lower divergence angles (Figure 2-31). The
favorable variable divergence results have been obtained with
vound, square réctangular and annular diffuser cross sections.
Exact losses in such diffusers cannot be predicted because of the
complex geometric factors involved and the large scatter in the
available specific test data. However, the typical overall gains
with non-uniform divergence have been approximately 5 to 15 degree
greater wall divergence angles than conical diffusers with approxi-
mately the same pressure losses.

Boundary La--er Control Provisions

Boundary layer control is not normally required for subsonic air
vehicles. Subsonic inlets generally permit attainment of optimum
diffusion angles without excessive lengths, and the diffuser inlet
boundary layers are geunerally thin. Supersonic inlets will usually
have boundary layer control for any regions of shock impingement on
surfaces upstream of subsonic diffusers and may also have boundary
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2.6.3.1

layer control within subsonic diffusers. Boundary layer control
is ¢ssential in regions of shoeck impingenent to aveld large lusues
and thick subsonic diffuser iniet boundary layers. Boundary lave
ceittrol in subsonic diffuscrs of superscnic inlets iIs somcfimes
desirable when large divergence angles re necessary to achieve
practical diffaser leagths,

Wall suction 1is the type of supersonic boundary layev contvol

employed for suppression of advers: shock interzction cifects,

Since supersonic shocks produce static pre. sure increases, wall
suction is readily obtained by suitabic overtuard domps (Figure

2-32). Prevention of bleed-back (in the subsonic pertion of the
boundury layer) is the me.t imporiant effect of boundary layer removal
by suciion. Supursonic boundary layer control systems employ

perous plates, flush slots, or projecting scoops for the wall

boundairy layer removal.

The four mest commow types of subsonic diffuser boundary lhyce:
contreol are wall suction, air injection, vortex geuneratovs, auid
turning vancs (Figure 2-33). All of these types of boundary iayw
control tend to delay flow separation in the diffuser, whicl dacriises
the pressure loss and improves the flow uniformity at the diffuse
exit. Wall suction can be applicd to remove the low encigy Leundary
laver.  ligh enecrgy air irnjection through the walls can bo applied
to re-crergize the boundary layer. Vanes or vortex generators can
be applied to re-energize the boundary layer by mixing of the higher
velocity centiral core air with the boundary layer air. Vortex
generators have been the type of boundary layer centrol most
frequently applied to subsonic diffusers.

The quantitative effects of boundary layer control on subsanic
diffuser performance canrot be analytically predicted. Tests of
specific arrangements arve required, and the:re are best perforued as
overall iniet tests which include the boundary layer build-up and
any supersonic compression effects upstream of the subsonic diffuser.
Significant performance increments have been experimentally
demonstrated for all four types of diffuser boundary layer control
(Reference 16). Vortex generators have been found advantageous

for the subsonic diffusers of supersonic inlets (References 22 and
24)., Bourdary layer control has been found more valuable in
reducing pressure distortions than in reducing pressure losses.

Miscellaneous Locses

Elbows

Elbows can produce significant lossces, and careful design is required
to incorporate them effectively in engine inlet systems. The most
important design parameter is the radius ratio (ratio of elbow

mean radius of curvature and duct depth). Engine inlet system elbows
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sometimes have split verse radius vatios. Splitters

ters t a se
car reduce pressure losses and improve elbow exit flow uniformicy.

tupine inlet svstems frequently have duct offsets connected by two
cibows (commonly desianated a compound elbew). The turning in the
tirst elbow is then reversed in the second elbow, and there is no

net turning in the complete compound elbow. Pressure loss data are
available enly for ninety-degree compound elbows, which are of little
interest in engine inlet systems. The best procedure available is

to estimate compound ¢lbow losses as the sum of individual elbow
losses.  The actual losses will be lower than estimated by chis
procedure, particularly for small elbow turning angles.

The incompressible pressure losses of elbows with round and
rectangular cross sections can be readily computed for high Reynolds
number flow conditions (Figure 2-34). Prcssure lesses increase very
rapidly wvhen radius r.ins are reduced below approximately 1.5, anc
it is desireble to avoid these sharp bends if possible. Loss
coefficients are relatively constant for radius ratios betwzen 2 and
3 because of the compensating effects of the turning and duct
frictlion losses (increased radius ratios requiring increased elbow
lengths). For radius ratios greater than 6, the turning losses are
small enough to neglect, and total losses can be estimated on the
basis of duct friction.

Data are available for a range of Reynold's numbers with rouad,
rectangular, and elliptical duct elbows (Reference 15). Despite
cerrain discrepancies in thz data from different sources, fairly
reliable estimates can be made for elbow losses with incompressible
fiow. Engine inlet system elbows may operate at high Mach numbers,
and conipressibilicy effects can be significant. Date available on
round duct elbows indicate compressible losses to be ac much as two
or three times the incompressible losses (Reference 15). However,
these data are very limited, and tests of specific configurations
are usually necessarv for inlet systems with high Mach number
clbows.

Constant Area "ucts

MosL engine inlet systems do not have long encugh constant area
ducting to contribute losses significant compared with diffusers
ard/or c¢ibows. However, the incompressible friction losses can be
cvvaluated fromn a loss coefficient defined as shown below:

Ky = & L/De  duct loss coefficient (2.1
4f duct friction less coefficient (Figure 2-25)
1. duct length

- & A/P - equivalent duct diameter (hydraulic diameter)
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1

A duct cross sectional area

Il

p duct cross sectional perimeter

The order of magnitude of duct loss can be computed by assuming

2 tvpical turbulent duct friction factor (4f = 0.02), 1If duct
friction losses are significant, more exact analysis may be desirable.
Friction factors for fully developed duct flow can be evaluatzsd as
a fup~tion of Reynolds number and pipe roughness (Reference 12),
but tuis approach does not account for the partially developed
boundary layers typical for engine inlet systems (Reference 1l1).
The uncertainties in friction factors will usually not introduce
errors as large as those due to uncertainties about the effects of
duct cross sectional shape.

Adapter ducts changing from rectangular te round cross sections

are commonly required to connect two-1imensional supersonic inlets
with engine faces. Adapter duct losses can be estimated on the basis
of friction, but this is valid only when local duct divergence angles
are small enough to avoid flow separation. No quantitative in-
formation is available on separation criteria for constant area ducts
of changing cross sectional shame. However K saparaticn does not
occur in conical diffusers with divergence angles less than
approximately 10 degrees despite the adverse pressure pradients
present in diffusers. On this basis, 10 to 15 degree total included
divergence angles are unlikely to produce separation in adapter ducts
vhich do not have significant overall diffusion. Wher divergence
angles are marginally large, inlet system model tests are necessary
to evaluate adapter duct pressure losses.

Screens

Pressure losses can be readily computed for incompressible flow
through screens at high Reynolds numbers (Figure 2-35). Compres-
sibility and viscous effects can alsc be cvaluated for screens
(Reference 24). The compressible flow limitations are usually
significant for engine inlet screens. A screen downstream of a
subsonic diffuser tends to reduce diffuser loss (Reference 15) and
improve flow uniformity, but these effects would not be significant

for low-loss engine inlet screens.

Effects orf Losses on Pressure Recovery

The primary index of engine inlet system pesformance is pressure
recovery which is defined as the ratio of the engine face and free
stream total pressures. Intermal ducting pressure loss reduces the
inlet system pressure recovery. The magnitude of this pressure
recovery reduction is dependent on the Mach rumber at the inlet of

the subsonic diffuser as well as the overall pressure Jloss coefficient
(Figure 2-36). The subsonic diffuser inlet Mach number is depeundent

on many aspects of the inlet system design configuration and operating

conditions.
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ot a subsonic engine inlet system, the wivimunm duct area is at

v v osubsonic dittuser inlet, and internal ducting loss is the
primary factor relative to inlet recovery. With supersonic inlet
svatems, shock compression loss is usually the primavy 'actor velative
te inlet recovery during supersonic flight. “the subsonic diffuser
in this case is downstream of the terminal normal shock, which is
not necessarilv at the minimum duct area. Supersonic inlet systems
usually have variable gecometry provisions which alter the subsonic
diftfuser inlet Mact number and area as a function of flight
cenditions. Tt is necessaryv to evaluate subsonic loss~e for all
peometric variables of interest, ind.uding subszonic flight with a
supersonic inltet system.

Fricticn lnsses are greatest tor flight corditions prodacing the
lowest Reynolds numbers (Figure 2-25). Subsonic engine inlet
recovery therefore tends to be scomewhat less at hich than at low
flight altitude. However, large variations of inict system recovery
with f£light conditions are usually due to flow scparation and/or
compressibility effects.

Pressure Distortion Effects

Non-uniformities in local total pressures over the engine inlet
face are important relative to engine performance. Various aspects
of the inlet ducting affect engine face prescure distortions.

An elbow will typically develop a low pressure region along the
jinride wall of the bend. This type of distortion can sometimes be
r.duced by the use of splitt:ws, vanes, or vortex generators,

Sulbsonic diffusers will typically develop relativelyv th.il leuw enerpy
boeundary layers, particularly along walls with high lac. i flow
divergence angles. Diffuser exit pressure distortions «<an be reduced
t boundary layer control (References 16, 22 and 23). Joundary layer
control may be applied to all walls or to the walls mosi critical
relative to flow divergence. The degre2 of boundary layer control
desirable may be established by flow <istortion (such as use of
vortex genervators tor reduced flow distortion when there is no
cerresponding reduction of diffuser pressure loss).

The pressure distortions downstream of an elbow or diffuser tend to
decrease if the air subsequently flows through a straight duct.
Although no general quantitative data are available, sienificant

t ow distortion improvements are likely with 1 to 3 diameters of duct
length. Low divergence straight engine inlet ducts (with lengths

5 to 10 times their diameter) have engine face velocity diszributions
similar to fully developed turbulent duct flow. Screens are known i
tce reduce pressure distortions, but little significant effect is
likely with a low loss screen which would be considered for an
engine inlet system. Engine inlet systems frequently have a
moderate contraction {such as a bullet-nose in a constant area dict}
immcdiately upstream of the engine face. This produces a favorable

L s b o -+
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(negative) pressure gradient which tends to suppress flow distcrtions.

The actuzl compressor face pressure distortion is also dependent

on the flow arrangement of the specific engine. Some engines have
an opering around the compresssr face periphery to pass (secondary)
cooling air through an engine bay to the exhaust nozzle ejector.
The secondary flow in this case tends to remove the boundary layer
from the inlet duct and greatly reduce the flow distortion over the
compressor face.

Local discontinuities (such as bumps on duct walls) can cavse local
flow separations which produce pressure distortions. No general
criteria are available for evaluating the effect of local discon-
tinuities, but the probability of separation is known to be greatest
with thick boundary layers and adverse (positive) pressure gradients.
Evaluation of local discontinuities can be made only by qualitative
study of the local flow field turning angles for favorability in
terms of the duct boundary layer and pressure gradient conditions.
Mcodel tests are required for quantitative evaluation of local
discontinuities.

Subsonic Duct Loss Calculation Method

Following is the suggested method for calculating subsonic duct
iosses:

1. Plot the duct cross sectional area versus distance from
the inlet of the ¢ :;sonk diffuser duct (throat). Con-
sidering the appropriate area variations and the local duct
configuration, divide the total duct into functional
components (such as subsonic diffuser, elbow, constant
area duct, adapter, and screen) and identify the upstream
cross sectional area of each component. Most configurations
ise of judgment relative to ewxcluding fillets,

require exerc
fairings, protuberances, and other minor surface contours
when selecting the ducting component break-down.,

2. Compute individual ducting component pressure loss
coefficients as shown below:

a. Evaluate the subsonic diffuser loss coefficient
by one or (if possible) more than one method.
For general approximate pressure loss ranges,
apply Figure 2-31 to evaluate various types of
diffusers. If the diffuser is nearly conical,
apply Figure 2-30 for a typical thin boundary
layer case. For arbitrary diffuser shapes and
specific flight conditions, apply Equation (2.14),
Use Equation (2.13) to define equivalent conical
diffuser angle. Use Equation (2.11) or Figure

2-25 to define boundary layer displacement
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thickness for subsonic inlel systems. Use a
typical ( GY/RI) of 0.01 for suversonic inlet
systems if exact boundary layer thickness is

not known. Since the diffuser will usually be
the most critical subsonic loss component,

it should be evaluated as carefully as possible.

b. Evaluate elbow loss coefficients from Figure 2-34.
c. Evaluate screen loss coefficients from Figure 2-35.

d. Evaluate constant area duct and adapter loss
coefficients from Equation (2.1%) with an assumed
typical 0.02 friction loss factor or a loss
factor from Figure 2-25. For duct contractions,
apply the same procedure using a weighted average
duct hydraulic diameter.

Combine the individual component loss ccefficients by
applying Equation (2.12) to define overall loss coefficient
in terms of the inlet system throat flow conditions.

Define these overall loss coefficients for all inlet
variable geometry positions of interest in the specific
propulsion system.

Apply Figure 2-36 to evaluate reduction of inlet system
pressure recoveries caused by subsonic losses. Evaluate
recoveries in this manner for the flight range of Mach
number, altitude, engine power setting, and inlet variable
geometry.

Evaluate qualitatively the effects of subsonic diffuser
boundary layer control previsions on losses as discussed
in Section Z2.5.4.2.4,

Evaluate qualitatively the geometric configuration and
toundary layer control provisions in terms of pressure
distortion effects as discussed in Section 2.5.4.5.
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3‘0

3.1

Boundary Laver Considerations

When the air induction system entrance is placed aft on the body

or other aircraft component, boundary layer, unless completely
removed, is part of the inlet's operating environment. The several
items that have tc be taken intc consideration are:

1, The toundary layer thickness

2. The nature of the boundary layer profile

3. The amount of boundary layer that should be removed
4, The effectivenss of the boundary layer removal device

5. The energy level of the boundary layer flow if it is to
be taken aboard

6. The drag incurred by the boundary layer removal device

Another serious consideration with regard to boundary layer centrol

is the removal of compression surface boundary layer on supersonic
inlets. This is done to alleviate shock-beundary layer interaction
problems. The consequences of shock-boundary layer interaction can be
in the form of increased losses, increased distortion at the duct exit,
and/or incressed turbulence,

Poundary Laver Thickness

The majority ~f calculations that are made to determine fusslage
h-undary layer thickrness are made usine the familiar expressi-n for
the thickness of a turhulent boundary larer on a smooth flat plate
at gers incidence, The expression, taken from Reference 1 is:

~0.2

§/1 = 0.37 Iy’ (3.1)

inlet station and R is the Remolds number, The expressi~n has
brth conservative and ~ptimistic aspects, It is conservative in that
it assumes transiti-n to turbuleni flcw at the plate ieading edge; the
piimism iies in the fact that the plate is assumed smeoth, flat,
&G zbt ger~ incidence, OJome have supgecested making 2 m-re precice
ca'clati n o considering an initial laminar boundary layer and then
calculating the pgrowth of the turbulent brundary layer from the point
of transiti~n, This is n-~t considered advisable because a tyrpical
ajirecraft confipuration does a0t fit the ideal picture on which the
t1e retical caleulation would be based, Thereferre, the use of
Yguati-n (3.1) is advised f~r purposes of calculating the thecretical
velue ~f boundar;- layer thickness, Values of Heynolds number are
plotted as a functisn of 3tandard Day Mach number and altitude on
Firure 3=l to facilitate the calculation.

whars ¢/1 1s ths total thickness ratined to the length back to the

3-1




The theoretical trend, which shows decreasing boundary layer
thickness with increasing flight Mach number at a given altitude,

is not always borne out by in-flight measurement, Figures 3-2,

3-3, and 3-4 present data measured in flight test at various
locations on a supersonic aircraft, The very exaggerated thick-

ness that was observed at high Mach numbers at the Fuselage

Station 274 measurement, which was near the inlet leading edge station,
is believed to be due to influence from the toundary layer diverter
downstream of the measuring station. Elevated pressures in the
diverter were felt as an adverse pressure gradient in the boundary
layer. This points up the advisability of obtaining a measured value

of boundary layer thickness early in the development program of an
alr induction system.

3.2 Boundary Layer Profiles

In making analyses of boundary layers, it is sometimes necessary to
know the shape of the velocity profile. The general theoretical
expression for the shape of a turbulent boundary layer is

1/N
uw/U_ = (y/8) (3.2)

Where u is the local velocity, U, 1s the freestream velocity, y is

the distance from the wall corresponding to the velocity, v and ¢

is the distance from the wall where the local velocity first beccmes
equal to freestream velocity., N is the profile shape factor and

the most commonly assumed value is 7. However, the value can range

from about 5 to 11. Another meaningful boundary layer definitien

is digplacement thickness, 5*, which is defined 2s the distance from

the wall that the potential flow is displaced by the velocity deficilency
in tke boundary layzr. Tor a boundary layer profile with a shape
cornforming to Eqaution (3.2), the displacement thickness is defined by

s%/6 = 10 + N} (3.3)

The loss in momentum inm the boundary layer can also be expressed by an

equivalent thickness called the momentum thickness, the expression for
wailch is

8/6= 1/k1 + Ny (2 + NJ] (3.4)




Reference 2 gives a method for the theoretical evaluation of the

loss in mass and momentum for an inlet partially or totally immersed
in a turbulent boundary layer with a profile conforming to Equation
(3.2). 1Included in this methodology is a method for estimating total
pressure recovery. The method was programmed for making the cal-
culations on an Electronic Data Processing Machine (EDPM) and results
for a range of Mach numbers and dimemsions are shown in Figures 3-5
through 3-16, With these results, one can assess the value of
boundary layer removal.

Fuselage 3oundary Lsyer Removal

Fuselage boundary layer removal devices are usually sized tc remove
from a half to ail of the boundary layer thicknesa. The most common
method of removal is by diversion with a wedge shaped device

located between the fuselage surfice and the inlet. Figures 3-17
and 3-18 show typicel beundary layer diverter configurations for
horizuntal and vertical compression inlets respectively. Note in
the front views that the channels are designed to diverge. This is
to allow some pressure relief to the flow, preventing a bulldup in
preasure which could feed forward through.the boundary layer amd
reduce the effectiveness of the diverter. Figures 3-19, 3-20

and 3-21 show boundary layer diverter stati. pressure data taken
during model tests of a supersemic aireraft. 4Also shown on the
figures ia some data from full scale flight teats. The disagreement
between the two sete of data, prrticularly at the highest test Mach
numbex, is indicative of how drastic Reynclds number effects can be.
Also sufflcient methodology iz not availsble for accurately predicting
the drag contribution of full scale boundary layer diverters, parti-
culsxly when scale effects have shown such a lack of predictability.

in addition to diversion of the boundary lsyer, the mathod of taking
the alr aboard vie a 8coop 1s also sowstiuss used., When this method
is used, the problem of aprareit boundary iayer thickening can alsc
take place as in the csse of the diverter. I1f the exit path is such
as to make ths scoop operste suborzitically, the result will be the
apparent thickening of the boundary layer and impairaent of the
effectiveness of the vemoval device, Predicting the drzg of & fuselage
boundary leyer sconp ie move of an intemmael flow problem than in the
case of the wedge divorter. The method of Section 3,2 could be used
to predict the initial conditions where the flow is taken on board.
Then Section 2.6 - can be wtilized for estimation of the internal
ducting losses, If other resistances are in the system, swh as heat
exchangers, etc., they must also be taken into account. Finally the
exiting momentum c#n b& arrived at with the help of Sectioe 7.0 if

an cblique nozzle is used or Section 8.0 if a more conventional nozzle
type is used. '




Compression Surface Boundery Layer Removal

The removal of boundary layer from the compression surfaccs of a
supergeonic inlet improve the performance and stability of the
inlet. The most effective bleed locatiem/lecationa are in the
interact'on reglon of the terminal shock. This is beirg stated
i~ this way because, experimentally effective locations have been
foimd which range from in front of to behind the termina shock
lecetion.

The design of a compressicn surface bleed system witn regard to
exact location and quantity ususlly has tc be aided by experimental
development, Several candidate locations are selected for trisl

on the first wiud tunnel model to be tested. These are controlled
during tfe test by some variable throttling device to determine the
effect of quantity on effectiveness. Sometimes certain blzed
locations are ceeled off to determine if the locstion 1s essential
to peirformance and/or stable operation of the inlet. In subsequent
tests at larger scale, the bleed configuration that proved to be
the mest satisfactory at small scale is usually use.. However,

the effect of quantity is reasgessed because of possible scale e’fects.

Some ryplcal bleed sys=-em configurations are depicted for two-
dimensional exterral compression inlets on Figure 3-22. As is

seen on the figure, it has been the practice to use both distributed
porosity and slots.

In order tc give an 1dea of bleed quantity requirements, some un-
pubiished wind tunanel data is plotted on Flgure 3-23, A summary
plot of the same data for the polnts nearest the kree of the
pressure recovery versus mass flow ratic curves is presented as
Figure 3-24. It is t2 be noted that the greatest performance gain
cane with a small bleed quantity.

In general, Llzed quartity is determined at th: higlhest Mach number
at which staady stare operaticn of the aircraft is e:pected. The
bleed svstem is uzuxlly of fixed geometry and the bleed quantity
decreases with decreas!ng Mach number becase of decreasing ram
pressure ratio. Figure 3-25 is a commaricon of bleed quantity

at ‘wo test Mach numbers, wiere for the higher lMach number, some data
shown on Figure 3-23 is repeated.

Bdleed quawntity requirements generally lacrease with increases in Jdesign

B2 b miiambknw mm bl et e na Tl el nvee sim b aintbtan AR Asnamtd b vAaas dvnmar + F o
SdAH TIUMDEY 80 uwiide presiliGiialry €O ralidrSs i JuUalivaly ITqUaTSielis LUz

a higher design Mach nwrber can be made by extrapolating existing
experlence curves.
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FIGURD 3-8, Typical Roundary Layer Diverter on a Two-Dimensicnal Vertical
Ramp Inlet
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Inlet Additive Drag

Additive drag 1s a correction term applied to the net propulcive
effort of an alrcraft. It is a consequence of the way in whidh nct
thrust is defined., For instance, net thrust is usually defined ac
the rate of change of total uomentum of inlet airflow between the
fr-e-stream and the propulsion system exit. Momentum change between
the inlet and the cxlt, however, 1s not egulvaslent to thic definitlon
wvhen conditiors at the inlet differ from those In the frce-stream
(i.e., at mass-flow-ratios less than L,0). Figure 4 - 1 1llustratces
the foregoing for a simple isolated inlet in a subsonic airstream.

When the rate of momentum change between free-stream and the inlet
is properly calculated, the result is called theoretical additive
drag. Theoretical additive drag may be modified to reflect changes
in external cowl drag with mass-flow-ratio and the result is con-
sidered to be th: corrected additive drag (sometimes called spillage
drag). The shape of the cowl lips, the cowl and the flight regime
affect the cowl external pressure field and hence the correction to
theoretical additive drag. Cowl lip suction force, as external
cowl drag is sometimes called, can cancel theoretical additive drag
for an inlet employing well rounded lips. As lip design becomes
sharper and thinner and as flight Mach number increases, the full
theoretical additive drag penalty becomes more likely.

Calculation of Additive Drgg

When inlet capture area intercepts an amount of air greater thau the
duct air required by the airplane, excess air is deflected or "spilled"
around the inlet, Additive drag 1s the force regquired to divert this
air from the path of the airplane., This force ccmes from the airplsnc
and reduces net propulsive effort.

The net propulsive thrust of an engine at zero angle of atteck iz the
resultant of the axial components of pressure and frictlion forces
acting on the engine. F[orces affecting a typical preopulsion system
arc shown schematically in Figure 4 - 2. 1In this illustration, net
propulsive thrust is rcplaced by an equal and opposite inertial force
Fy. The forces are defined as positive in the directions shown by
the force vectors.,

liet internal thrust Fp,, delfined as the sum of pressure and friction
forces octing on the interior of the propulsion system, can be
calculated by considering the change in momentum between tho inlet
:nd the exit; Stations 1 and e, respectively, in Figur: U4 ~ 2,
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Yy ¢ Ag(Pe = Pg)

I"l - I‘Nl + Al(Pl - PO)

Then, if Fd is the sum of the forces acting on the external surfacces
of the cowl,

Fp = Fpy - Fy (k.2)

Az stated earlier, engine performance is generally evaluated by
considering the change in total momentum betwecen the frec=stream
(Statior 0) and the propulsion system exit. This momentum change is
defincd as the net thrust F. Using the notaticn of Figure 4 - 2,

Fp =Fy =T, (L.3)
vhere,
Fo £ Wg 4 Ag(Py - Dg) = Mg

Unlike Fauation (h.2) and as illustrated in Figure 4 - 3,
Fp ﬁ Fy, -Fg

n order to obtain the nct pronulsive thrust, momentum change between
he frecestream and the inlet must be considered. Hence,
¥p =Fp =Fg =Dy (Lo4)

Dy is called additive drag. By combining Equations (4.2) and (h.h),
additive drag moy be delined mathematically as,

Dy 2Fp=-Fy = Fy =F, (4.5)

An important interpretation of momentum change betwecn the frce-stream
and the inict can be reallzed from stream-Ilow reoleticns, Conslder
a stream-tube which intercepts +he cowl of an arbitrary inlet, as

shoewn in Figure 4 = L., Trom continuity requirements, it is apperent

b irac




that air entering tnis stream-tube in the frce.stream must cqual the
duct air demand of the aireraft. If the “free-stream” tubc urea Ag
is smaller than the captu-- area An intercepted by the ini-t, then

i
airflow entering Statlon O through Ay = Ay must be deflected around
the inlet.
The force required to divert the excess ailr can be cvaluated by
integrating pressure forces acting on the stream-tube. For an air-
craft in steady, unuccelerated flight, the summetion of forces
acting on a control volumc of air 1s zero. By applylng this criterion
to a control volume bounded by the stream-t-he and the inlcet cntrance
planc, as shown in Figure 4 - 5, it can be shown that the forece nct-
ing on the stream tube is,

Fgy

=l - Fg

. Inlet Lip
Fgp = (P - Pyldax (Intcgration along the stream surfeoec)
Free-Stream

where dA, is an area increment proJected normal to the flight path.

As noted in Refevence (1), the "splllage” force Fjn is none other thon
the additive drag D.. This can be substantiated by reflerring tc wsauvation
(L.5). Hence, the integral,

/’ Inlet L1p
o (p - pq (4.06)
brec otrcam

D

defincs additive drag Iin general terms and 1s ecguivalent to the
definition given earlier., Eguation (4.6) is applicablc to all tyrpes
of inlet geometry - from an "open-nose” inlct to & ramp or spike inlet
E with a centerbody prejected zhead of the Inlet entrance staticn., &g

shown in the {'ollowing example, a "control-volume" approach londs
facility to the calculation of theorect.cal additive drag.

Figure & - & show: a two-dimcnsional Inlet cperatirg in a supersonic
stream, This simple mathematical modcol) wac chosen to illustrate

the principle of thcoretical additive drag analysis. The inlct io
assumzd to e operating at a free-stream Mach nwiber of 2.0 with un
initiul ramp angle of 10° @nd a totul turning zncle of 200, It ic to
b2 shown here that any zath from the frec-stream to the inlet 1lin




(D to A iu Figure b - 6) can be taken as a path of integration for
the change in totel momentum in the evaluation of theoretical additive
drag. Thc alternate putlhs are listed below:

DIBA
D'E'FGA
DEFGA
DC'F'aa
NOFGA

First, to assess the theoretical additive drag by teaking th= path

along DCBEA;j; the most straightforward path from the definition given

in kquution (k.G). Consider the difference in pressure on the two
stdes of the entering stream-tube and a projection of the stream-tube
surface normal to the free-stream flow. Then, if the drag acting on
the projccted stream area is non-dimensionalized with inlet capture
areu A as the reference area and free-stream total. pressure as the
reference pressurs, the resulting theorctical additive drag coefficicnt
is giver by,

i S f] P
_A‘}%a){izr;_f’n) (4.7)

Again, a physical interprctation of the drag could be: the force that
the spilled air exerts on the forward facing stream-tube surface.

The next path chosen for analysis, D'E'FGA, evaluates the total
momentum ¢ an infinitesimal distance downstream of the normal shock
DE. Using D'E' to designate the use of propcrties on the downstream
side of the normal shock, ramp pressure terms on E ¢ F and 1" to G
were calculated and frece-stream momentum from G to A was subtruacted
from the sum of the other force terms. The expression for the drag

coefficient is,

l !_Au\( ko) + lc_\l_u\[_e.:ﬁa}

l\ Ac o Ne IV T2




o

2 M2 (4.8)

AF-@ (Pl ~ P: ‘ ‘Fo
C o

Note here that the arca used at the face of the normal shock was the

flow area; then having culculated the momentum, the momentum component

in the frce-~stream dircction was calculated by multiplying by COU(6 - 62).

The area involved in thc pressure-area term is the arca projected

perpendicular to frce-stream. This important distinetion will bcoccome

more obvious vhen a path is taken involving CF and will be borne out

by the numerical examples,

When the first two terms in Equation (4.8) are changed to reflcet the
Moch number and pressurc in front of the normal shock planc, the equation
for theoretical additive drag becomes,

CDa LI‘%?E =Y (gg; )F‘D_,-%M).)(_E%) g cos(S) + &)
e b

el e o

o)t

" If the path DC'F'GA is chosen as the next path for analysis, the

expression lor the additive drag cocfficient 1s,

o et 3] At
o

‘ J\C

C o}
. B "!:\1"_6\ !i:n - PG\ _'Y’!?r \II’A, } \n’i',.\\ ME Ve
e e e o L | e R

In Equation (4.9) AD-H(FLOW%' cos($y - 62) was equal to Ap._p, both
bein~ equal to the prOJoctu area of the inletl opening. However, in
kquation (4.10), Ac'p '(F PUZ * COu(8y - &) is different from O
In either case (Equation %p. ) or (k. 10)), the momentum term - mAgs
times velocity - 1s belng assessed and then having its axial component
taken., The pressure-arca term is simply the product of the pressure
and the projecteda area,




If a finul path UCkGa, pescinge or infinitesimully short distance in
front of the sccond cblique wave, is chasen; the drag expressicn
becomes,

D P (A e, -p LOL
a a {8p.C |l te a Y Ac H d} J co3 6
\"Da PTOAC PTO \ AC I o ) ( N 1
D A Py -p.} P Ag s )[Py =D P P
ol _%-E l] o0l +=9Q E—" _J____Qq _ Q\r
( PTO \ ¢ ) Yo J PTO c ( PO H v( TO ( ( ol

(4.11)

For the flow properties and gecmetry of the simple mathematical inlet
model shown in Figurc L -« 6, numerical values of theoretical additive
drag coefficient Cpn_ were calculated for each path of anslysis using
Equations (4.7) through (4.11). The values of CDa are referenced to

en Aq of 1,0 and werc calculated at a maximum value of A,. Caleculation
results arc prescnted in tabular form below:

vath Equation |Term 1 |Term 2 |Term 3 |Term 4| Term 5 | Cp,
DiBA (L.7) .0398 | .0055 L0453
D'E'FGA (L.8) 2592 | .2343 | L0874 | L0140 | ~.5496 |.0453
DEFGA (L.9) L3860 | .1075 | 0874 | .01kO| -.5496 [.0L53
DI'F'GA (4.10) L0396 | .3860 | .155L [ .01ko| -.5496 |.0433
DIE 34 (4.11) L0398 | 4805 | .0608 | 0140 | -.5496 |.0US3
Note that the drag coefficients arc all equal, as they should be.

Also, excess alr is spilled supersonically and the terminal (ncrmal)
shock wave remains attachced.

The preceding discussion has shown that
can be simplified by the selection of & "proper"” path of integration
for fquatio:. (4.6). This is equivalent to using any convenient control
volume, tounded by the free-stream and a plane through the inlet lip

addi”vm LI‘&"' nqlmn_{rw ons

station. This calculation technlque is applicable to all flight
regimes., In simpler systems, of course, there are not as many alternate
paths.

In the case of s simple pitot intake, theoretical additive drag csl-
culaticone are eszentially unchanged for subsonic end supersonic
operation; the only dilfference being the presence of a normal shock
In the case of supersonlc cperation. An open nose inlet opernting
at a nJo'-flow-ratio less than 1.0 1s shown schematically in Figure

h <7

7. The udditive drag, trom Equation (k.6), takes the form:

L~5
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Normal shock wave total pressure recovery PTL/PTO as a function of
upstream Mech number is tsbulated in Appendix B, Figure 4 - 8 shows
theoretical additive drag values calculated from Equation (4,12),

As has been shown, additive drag calculations depend on the evaluation
of Equation (4.6) for an inlet and operating condition of interest.
Calculation techniques depend largely on the flight speed., Often,
subsonic and supersonic operatlcn dictate the use of different
assumptions and control volume calculation paths. These special
considerations will ve discusscd in the followlng sections.

Subsonic Additive Drag

Accurate theoretical additive drag calculations are critically depend-
ent upoa inlet flow ficld determination., Due to the comhlexity of
subsonlc flow calculations, inlet flow filelds can, at best, only be
approximated, 'The importance of stagnation point position on

pnalynic techniques will be presentec in the following discussion.

In addition, supersonic (sharp lip) inlets operated at subsonic

flight speeds will be evaluated.

Alr induction systems designcd for subsonic aircreft employ well
rounded inlet lips. Whlle providing reduced flow separation losses,
this type of lip design enhances additive drag cancellution by
increasing the frontal area over which lip suction forces can act.
Unfortunately, & rounded lip permits the "stagnation" streamline,
the streamline ceparating flow centering the inlet from that spilling
aver the cowl, tc move about the leading edge of the 1lip as mass —
llow-ratio is varicd, sce Figure 4 - 9. It is apparent, “vom thu
definition of additive drag, that the momentum change of intorest
occurs betvween frees~strcam and the lip stagnation point. Thercfore,
Equation (4.6) can be properly evaluated only il the path of
intcgration varies with stagnation point movement,

&7




Reference 2 has shown in detail that, based on potentilal flow thceory,
theoretical additive drag of a blunt lip inlet is zero at subsonis gpeeds
and muss~rlow-ratio greater than 1.0. Such is not the case for
cuveritical. (mis~~flow-ratio less than 1.0) inlet operation.

At present, potential flow theory ls the most accurate means of
caleulating subceritical blunt 1ip performance. With this approach,
it is possible to simulate angle of attack and mass-flow-ratio
variation, sec References 3 and 4. Turther, stagnation point position
cian be detertiined as a function of mass-flow-ratio and cowl 1lip
seometry, The variation of stagnaticn poilnt position with mass fleow
for o typical axisymmetric inlet is illustrated in Figure 4 - 10,
Hote that in this figure the stagnation point occurs at a veloclity
rotio of V/Ny = 0.0. If the inner surface of this inlet had a more
rouvndcd contour, stagnation point movemeut would have been apparent
at high mass flow values,

The calculntion technique used in this analysis involves a numcrical
integration of velocitics and pressures at the plane of the stagnation
point, With integrated propertics at the "stagnation plane”, total
moantun ® may be evaluated. Thus, for an cpen-nose ilnlet

Dg q>l,' ’ L
~ ¢ - 0
“Da FroAc © Prg Ag (+.13)
vhere,
b= My e Ay (T -py) = (VEPE 4Ty - o) Argp
&

- T - gl 2
o T Mig = YD MA

ﬁl, ?i, and Ti represent integrated flow properties. The flow area
of the stagnation plane is denoted AlSP'

In most preliminary design analyses, potential flow ralculatlions are
far to0o corplex for easy use., FEven Electronic Data rocessing Machine
(FDi1l) programs can take an hour of computing time to solve a slngle
case. Thus, one-dimensional flow approximations are usually employcd
to faciiitate additive drag calculetions., For example, Equation
(4.12) is a anc-dimevsional approximation for the pitot inlet Just
deceribed, In thls approximate approach, the stagnation peint is
assurcd stutionary at the "highlight"” or leading edge of the inlet
lirv,

5 designed for supcrsonic ailreraft must, in general; employ

< , thin lips Lf large wave drag penalties asscciated with blunt
1ips i+, supersonlc flow are to be avoided. Since supersonic vehicles
ri1st take-off and land at subscnic speeds, it is important to be able
to predict low speed performance of supersonic inlet systems.
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Sharp 1lip performance of a cylindrical inlet at subsonic speeds is
analyzed by the methods presented in Reference 2, An 1llustration
of the flow pattern; to be cvalusted ig presented in Figure 4 - 11.
Lip suction force is denoted by the vector F and S defines a typlecal
stagnation streamline.

At mass flow ratios greater than unity, actual inlet conditions arc
nen-uniform. However, inlet flow may be approximated by equivalent
one-dimensional flow; that 1s, flow of an equivalent mass flow,
energy and momentum level.

Inlet momentum is equal to the free-stream value plus 21l forces
exerted on the intcrnal flow between free~stream and the stagnation
point. These forces consist of a2 lip suction force ¥ and the integral
of the pressure increment along the stagnation streamline up to the
stagnation point. Hence,

. ~ S.P.
o= %+ Tt ./ (P - Py)dAy  (Mass Flow Ratio = 1.0)

F.S.

As shown in Reference 2, the pressure integral given above is zero
at mass flow ratios greater than 1.0. Since the lip is assumed
infinitely sharp, there is no lip area to support lip suction.
Following this criterion, there is no change in total momentum
betveen frez-stream and the inlet. It 1s apparent that,

Cp, = 0.0 (Sharp Lip Inlet at MFR 2 1.0) (bolk)

For mass flow ratilos less than 1,0, the only force exerted on the
internal flow is the streamline pressure integral., In general, this
term 1s not zero. Evaluatlon of the momentum change between the {ree-
stream and the inlet leads to,

D vy | 1 r 2 ,
c - —=28_ zil 2 —0 __=hg L.15
Da * TFpohy " Pro | M * 1J Fr, " Pr.Al (3.15)

(Mass Flov Ratlioe 1.0)

Subsonic additive drag valucs determined from this cquation are
presented in Figure & - 12,

In many instences, cspecially in the subsonic case, theoreticul
additive drag is calculated along shock generator surfaces (i.e,
ramps or splkes) of the supersonic inlet. This intcgration poth
is selected because subsonic stagnation streamline properties arc
guitc difficult to evaluate. While frec-gtream properties :urc de-
fined by flight conditions and inlet conditions are specified by

‘i—
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cngine and sccondary airflow requirements; the variation of thermo-
dynamic propertics along the ramp is not easily determined. 1In
practice, a linear variation of flow propertiles between the leading
cdge of the ramp and the inlet station is assumed. Ramp drag is
then calculated by using an averagce pressure acting on the frontal
area of the surface. Calculation errors incurred with this approach
may result in negative odditive drag values. The discussion in
section 4.5 will show hc. this deficiency may be corrccted through
the use of an additive drapg correction term called Kapp©

Supersonic Additive Drag

Thermodynamic calculatlons required to evaluate Equation (4.6) for
supersonic additive drag are generally quite straightforward.
Primarily, this is a result of the "limited region of disturbance"
nature of supersonic flow. The inlet flow field can usually be
divided into regions bounded by shock waves and inlet surfaces, as
shown in Figurc 4 - 6. Cowl lip stagnation streamline properties
and/or surface thermodynamics are then evaluated fi-om region to
region.

Theoretical addltive drag coefficients for representative two and
three-dimensional inlets will be presented herein, Before procccding
to these design charts, however, certain simplifying assumptions
crnployed in calculsting the drag values should be noted.

Ag must be apparent from the preceding discussion, friction forces
have been neglected in the calculation of momentum terms along the
shock generator (ramp) surfacc. While this appreach may lcad to low
theoretical drag estimates at high mass flow and ramp surface Mach
numbers, Scetion 4.5 presents an empirical correction technique
which will account for friction forces and other discrevancies re-
sulting from o simplified analysis. In a similar manncr, boundary

aver is not considered; inviscid pressure distributions arc uscd to
calculate inlet ramp drag. Another important approximation involves
terminal shock wave position, An infinitely sharp cowl 1lip is
assumed. The terminal shock wave is considercd to remain attached
to the rim of the cowl during critical and supercritical operation.
In practice, the terminal wave stands slightly ahead of the lip,
critically, due tc finite rim bluntness. Suberitically, the terminsl
shock may be positioned large distances upstream of the lip. UThe
dctachncnt distance is largely a function of inlet mass-flow-ratio
\J- more complete discussicon of this phenomenon is presented in
section k.4), In the calculations of Whils sestion, suvcritical shock
position is concldered to be an infinitesinal distance ﬂh 1wd of the
inlet entrance plane as illustruicd in Fihurc bow 13, TOALTSE
this "fixed" terminal sheek assuwpticn wiil yosult 4o & Low Srog
estimate ut reduced inlet masc £1ou.

'
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Two=Dimensional Inlets

Theoretical additive drag cocfficients have been calculated for e
family of two and three-shock inlets. The calculation path is taken

along D'E'FGA as shown in Figure 4 - 6, Based upon the assumptions
above, flow is spilled supersonically.

Two-shock additive drag is presented in Figures 4 - 14 through 4 - 21,
Note that the variable Xs shown in these Tigures is called a 1lip
position parameter. It is considered to be a primary characteristic
of a given inlet configuration. The lip position parameter is defined
as the acute angle between the free-stream flow dircction and a line
drawn between the leading edpge of the ramp and the cowl lip. Mass
flow variation is presented as the ratio MFR/MFRmax, where MFR is the
operating mass-flow-ratio and MFRpax is the mass-flow-ratio correspond~
ing to critical operation for a given configuration (typified by A.)
Ramp angles used for each Mach number correspond to optimum designS
according to Oswatitsch analysis techniques presented in Reference 5.

Three-shock additive drag is presented in terms of the same parameters
used to describe two-shock values. Again, cowl lip position is
specified by AS. Multiple shock inlet designs that achieve prccom-
pression by the use of three or more shocks can not be characterized
by Agalone. That is, the position of the ramps with respect to onc
another and with respect to the cowl lip have a definite impact upon
inlet performsnce. To incorporate this geometrie influence in
theoretical three-shock additive drag calculations - without introduclng
added complexity - the cowl lip is assumed to lle along a plane
perpendicular to the aft ramp and passing through the intersection

of the oblique shocks., This geometric restriction 1s illustrated in
Figure 4 - 22, Three-shock additive drag velues for Oswatitsch
optimum turning are prescnted in Figuras 4 - 23 to & - 30.

Theoretical two and three-shock additive drag levels presented above

are clearly applicablc to all-externsl compression inlets. They

apprly to mixed compression inlets as well, depending, of course, on

the number of external shocks associated with a given internzl-extcrnul
compression field. For example, two-shock values can be used to
approximate additive drag for a single external shock syctem. Likewlsc,
three-chock all-external additive drag is equivalent to that for a

mixed compression design with two external obligue shock waves. Mixed
compression confipurations with more than two external shocks arc
rarcly used,

“he <.ouivalence between all-external and mixed compression inlet flow
Melds is clearly shown in an example of Section L,1, Recall thut

L=11




tctu) momentum ¢ &t the inlet entrance plane is constant whether
evalvated upsiream of the attached normal shock wave {along D-E in
Figure b - ¢} or Asenstream of the shock (along D'=E'). Thus, the
prescnce of this taerminal wave has no influence on theorctical
additive drag. 3iuce the terminal wave is treated as attached cven
at reduced mass “low, it could have been ignored. The flow field
upstream of the rnormal shock hence additive drag, is identical

to that of a mixed compression inlet with two external oblique shock
waves. Additive drag coefficlents presented in Figures 4 - 14 to

4 = 30 are more rigorous for the mixed compression configuration
because terminal sh 2k pesition at redvced mass flow ratio does not
influence the calculation as was the case for an sll-external inlet.

Three-Dimensional Inlets

A discussion of tueorevnical acditive drag for three-dimensional inlets
is presented herein. RDesign charts are shown for axisymmetric inlets
employing right ciroular cones as shock generator surfaces (spikes).
An analysis tochnique tor a double-cone spike configuration is also
included. Due 1o methemntical complexities associated with arbitrary
three«dimensional inlet analyscs, thils discussion will be restricted
to axisymmetric inlets.

Flow over the forward portion of an axisymmetric inlet with a conical
spike is governel by the eguation:

- 3
_ afvy [ Yel (dvl) 2 -yl (Vrax - vf.)] _xl {dVr¢ ) cot ¢
2 3

aF 2 \ae ] 2 d
av \? v e 2, 4V, 2 2
YV, ch' A Vmaxn = Vy ) cot ¢+ (¥L)Vr(Vay =~ V)
(4.16)
with the additional restrictior -
-g!I-- Vv
? ¢

A definition of each variablc in Equation (4.16) is contained in
Appendix D, It 1s important %o rnote that a non-uniform flow fizld
results from the solution of this zquation and that additive drag
calculations are more complex than those assoclated with two-
dimensional flow.

0




Static pressure along the spike surface is constant, hence, no adde®
difficulty arises with the evaluation of ramp drag. Since flow at
the irle* entrance is ron-uniform, totsl momentum there must be
integrated along a path from the spike to the cowl 1lip. Referring
to Figure 4 - 31, inlet entrance total momentum is integrated along
D-C.

Rather than evaluate theoretical additive drag by calculating along
A-FED-C (in Figure 4 - 31), a direct integration along the stagnation
streamline (path A-B<C) is used. As shown in Referencc 6, the
streamline cap be approximated by connecting a series of truncated
conlcal flus surfaces between the free-stream and the cowl lip, A
cross=senitonal view of the stream surface construction is illustrated
in Figure 4 - 32. The integration is treated in a stepwise manner

and the relation for additive drag becomes,

D

Py P31 2
i s Bl ) e

Po o

where,

BT .%21}.1.

Py " Po [(P/Pr)]
The summaticn index J refers to & particular ray originating at the
cone and pnassing within boundaries formed by the initial shock and
the cone surface. Integration begins at the shock wave and cnds with

the ray L which intersects the cowl lip. Note that thermodynamic
properties are constant along each ray.

Additive drag charts are presented in Figures 4 <« 33 through 4 ~ kL.
Each figure consists of two design charts derived from Reference €.

Tae ®4rst of the yqi; shows the varilation of mass-flow-ratio with

flight Mach numver and lip position parameter Ag. Once mass-flowa
r2tic has been determined, the second chart may be entered to
OLLain theoretical additive drag coefficient. Each set of curves
corresponde o a given spike seml-vertex angle BRry-

Since the a.alysis makes no provision for a detached tcrminal shocek,
additive drag coefficients obtained from Figures & - 33 to 4 - L4 nre
rigorous fce eritical or supercritical inlet cperation only. Oub-
critical ccnditions may be approximated by entering the second chart
of the cet at the desired inlet mass~-flow-ratio.

L-13
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A double-cone spike configuration has been investigated and the results
avallablc to date are presented in Appendix D. While additive drag
design charts have not been obtained, there ure some aspects of the
analysis that should be noted.

Flow over the forward cone is purely conlcal, hence, the path of the
stagnation streamlince 1. this region can be obtained from Equation
(4.17). The aft cone (actually a truncated cone) generates a curved
conical shock wave as shown in Figure & = 45, VFlow properties down-
strcam of the curved shock are none-uniform and do not satisfy

conical flow cnuatione. legion 2 (defincd in Fipure 4 « 45) flow is
dctermined oy the method of characteristics. The stagnation strcamline
may be defined in this region by tracing its path trrough the flow

net in a stepwisc manner similar to that used in conical flow. Additive
drag is calculated by integrating numerlically the pressure difference
(P1ocal - Pg) acting on the streamline.

Terminal Shock Wave Positicon

Numerous simplifying assumptions are employed to facilitate theoretical
additive drag calculaticns, each of which serve to degrade the estimate
in varying degrees, Terminal shock wave position is one such assumpte
ion. Often a terminal wave can stand large distances ahead of the
inlet entrance. The high pressure region behind thls wave can increase
the ramp drag contribution to additive drag appreciably above that
obtained with an "attached" shock approximation. An extensive exaniia-
tion of simple concepts for predicting the shape and position of
detached shock waves {Reference 7) has shown that a method proposed

by Moeckel yields satisfactory results at supersonic speeds. This
technigue will be presented below and its influence on thecwetical
additive drag will be illustrated.

A terminal shock wave must stand ahead of the inlet lip when super-
sonic €low exists just upstiream of the inlet entrance and duct air
demand is below the critical value. A method for estimating shock
loration and shape as a function of mass flow that is spilled over
the cowl is derived from Reference 8. It is assumed that the form
of the shock between its foremost point and its sonic point is
adequately represented by an hyperbola asymptoiic to the free-
stream Mach lines. Also, spillage is sssumed to occur two-
dimensionally — in the X-Y plane as shown in Figure 4 - L6 and
locally two-dimensional in the case of an axisymmetric inlet.

L=14
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Figure & - L6 presents the terms used in a two-dimensional
calculation. The coordinate ¥p denotes the free-stream location
of the streamline that separates the mass entering the inlet from
that passing over the cowl., The intersectlon of this streamline
with the detached shock wave is assumned to be the origin of the
hyperbolic portion of that shock wave, In order to determine the
quantity Yg/Yg,, the continuity equation is applied to the fluid
passing the sonic line. The area Ag of Figure 4 - Lé must be
determined such that spilled air can pass through it at sonic
conditions. In most cases the cowl lip will be quite sharp, hence,
the souic point on the cowl lip can coincide with the leading edge.
Using these criteris, the expreseion for the location of the vertex
of the detached shock wave becomes:

"‘y%" '%:p =‘l-0 - xgm”c ¢ B-Sin(as)((l.o - Becos(g) |
(k.18)

vhere,

§

s = flov¥ direction behind the shock mngle ¢g for which
sonic velocity exists downstream at My

B = (PTO/'PTS)c A-lt/A°
Pr
Py
c e 6{s.man(y ) - /g2 AN (eg) - L0
s

8 =\ - 1.0

The Pressure recovery (FTO/PTS) varics with terminal shock strength
and hence the Mach number ahead®of the terminal shock, If the inlet
f1lov fleld is not constar* at large distances ahead of the lip(i.e.,
an isentropic compression surface), shock location must be iterated

to reflect the proper value of (PTO/PTS)

s total pressure recovery at the centroid of the flow
c passing the sonic line

o]

Spillage about an axially symmetric inlet tends tc vary from locally
two-dimensional at high inlet mass flow to that obtained with a
closed bedy of revolution at low inlet flow. Since relatively low
spillage values are of greatest intere-t, it 1s assumed that flow
near the cowl lip is two-dimensional., With the same reaconing, a
two-dimensional value of total-pressure recovery at the nass centroid
(see definition of {Prqy/Prg). above) will be used. Detachment
distance for an axisymmetric inlet takes the form:
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- cAfR— - TAN(S;) (4.19)

where the terms employed in Eguation (4.19) are as defined above or
in Figure 4 - 46,

Experimental correlation with thls shock prediction technique for
blunt nosed bodies 1s preserted in Reference 7. TFigure 4 - 47 shows
the results of this compilation and the excellent agreement provided
by such an approach,

Reference 9 has incorporated the Moeckel techinique in theoretical
additive drag calculations for an isentropic compression surface,

A comparison of additive drag coefficlents obtained with a detached
terminal shock and with a "fixed" (attached) terminal shock is
presented in Figure 4 - 48, Discrepancies resulting from an attached
normal shock ascumption at reduced mass-flow-ratios are apparent in
thlis figure.

Addlitlive Drag Correction

The full value of theoretical additive drag is rarely charged as a
penalty to the airplane at low supersonic or subsonic speeds. Cowl
and sideplate suction created by the spilled ailr tends to reducc

She drag penalty. A method for correcting theoretical additive drag
estimates is discussed in this section and a correlation factor

Kapp is presented,

External drag varies with inlet mass-flow-ratio since the amount
of alr spilled around the inlet affects the pressure field acting
on the externsl surfaces of the airplanc. To eliminaic the effeoct
of varying mass-flow-ratio on external drag levels, an external
drag corresponding to the maximum inlet mass-floweratio is chosen
to represent the external drar of the alrplane, This reference
drag level is assumed to rema.n constant with mass-flow-ratio. A
correction is then applied to theoretical additive drag, to
account for the change in the external pressure field with mass-

flov-ratio,.
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Figure 4-49 1llustrstes the correction technique employed to obtain
corrected additive drag. Curve X is the sum of model extemal disg
and corrected additive drag obtained from a wind tunnel axial balance
reading. The drag reading has been corrected for broyancy ef€ects,
sting effects, base drag and internal drag. If a reference mass flow
ratio is now established, the term Kppp can be defined as

(Corrected DADD) MFR - (Corrected Dapp) Ref. MFR

K -
ADD ' (Theoretical Dapp) MFR - (Theoretical Dypp) Ref. MFR
or
ACorrected D
Kapp = —ADD

ATheoretical DADD

Now from Figure 4-49, we see that

+
XMFR = XREF = EC““’-Cted Dapp) MFR + (DExTERNAL-MODEL)MFR]

- BCorrected DADD)REF + (DEXTERNAL-MODEL)REF‘]

It the model is designed correcctly, the external model drag will be
independent of MFR; therefcre,

X = AcCorrected Dppp

or ,
X Da

K = 8
ADD * NTheoretical DADD Da

To find the total aircraft drag the corrected additive drag is simply
adjusted to pass through the reference external drag point, determined

by aerodynamic force model tests, as shown in Figure 4-54. As Figure

4-54 points out, the reference MFR for the external drag point will nct
necessa=ily be the same as the reference MFR used in the Kppp calcula-
tions. In many cases, the reference MFR for the external drag point is
MFR=1 ir which case the corrected additive curve will probably (for inlets
with external compression) have to be extrapolated to MFR = 1,

The cerrected additive drag can be expected to vary with external cowl
shape, cowl léngth, lip shape and thickness, ramp geometry, sideplate
geometry and thickness, flight condition and mass-flow-ratio.

Several experimental studies have been conducted in an effort tc

emperically evaluate these interrelated effects. References 10-
13 contain the results of these studies. Reference 10 concentrated
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on two dimensional inlets with design Mach numbers from 2.2 to 3.0,
Reference 11 was limited to development of the A3J-1 inlet, Refer-
ence 12 looked at a small matrix of copen nose inlets while Reference
13 contains a fairly large matrix of inlets including open nose,
single cone axisymmetric, F-4 type two dimensional and a uniquely
designed opposed ramp two dimensional inlet. Each of these reports

is useful in showing the effects of varying varjous inlet component
configurations, Several curves from Reference 13 are included as
Figures 4-55 through 4~58 to illustrate these effects. It should be
pointed out here that extreme care should be exercised in using
absolute drag values and in comparing data from one of these reports
to another because of variation in definitions and differences in

test procedures and equipment. It is felt that each report is, however,
consistent within itself so that the effects of the various geometry
changes are correctly evaluated, As might be expected, the correction
factor Kapp reflects the influence of these variables. Unfortunately,
Kapp 1s also affected by the approximations used in the calculation of

theoretical additive drag.

The preceding discussion leads one to believe that additive drag
correction is complex beyond use, Until the spillage phenomenon is
better understood, an uncompromising approach to actual additive
drag prediction may be, in fact, useless. However, if a compromise
is acceptable, an approximate additive drag correction obtained from
Reference 11 data is available,

Data from Reference 11 is shown in Figures 4~50 through 4-52. These
data are presented in the form illustrated in Figure 4-49 and are
used to define the variation of Kapp with Mach number found in
Figure 4-53. Note here that the correction factor is invariant with
mass-flow-ratio. While the Kppp facters of Reference 10 do vary
with mass-flow-ratio, a number of "average" correction factors

were selected from this data and superimposed on Figure 4-53. As
indicated, Beference 10 data shows gocd agreement with the §.125
scale A-5A inlet model data of Reference 11.

At present, the additive drag correction factor shown in ¥Figure 4-53

is the most useful correlatinn available. Although it is not completely
rigorous, it should yield acceptable actual additive drag estimates for
preliminary inlet analyses.

4~18
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1. Net thrust by definition is the rate of change of momemtum
between stations O and 2

Fiy = mVe + Ag (Pg=Po) - mVo-As (P,~Po)

2. Propulsive torce actuallv felt by body is

Fip = mVg + Ag (Pg ~ Po) = mV] -~ A] (P = Pp)
31 mVl + Al (Pl - PO) # mVO b Ao (Po - Po)

4. The difference is a force increment in the drag direction,
called Additive Drag.

FIGURE 4-1 Illustration of Meaning of Additive Drsg
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FIGURE 4-3. “chematic 2epresentation of Forces Acting on a Trypical
Fropulsi~r ‘wstem — 'sing ‘tations O and e,
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FIGURE A-L. Illustration of Inlet Spillare
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FIGURE 4~22. Illustration of 3-3hock Geometric Relationships
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INLET DRAG COEFFICIENT ~v C; = Fy/qA. -
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5.1

Inlet Instability and Unsteady Flow Phenomena

Unsteady internal aerodynamic flow phen mena can occur in ail
flight regimes, both subsonic and supersornic., In most of the
cases, the unateadiness is internal to the inlet and is due

to a rapid static pressure increase in the presence of a boundary
layer. In this case the pressure rise causes separation of the
boundary layer which usually leads to unsteady flow. If this
unsteady pressure pulse is large enough to stall the engine or if
the inlet-engine dynamics are such that the pressure pulse is
amplified until the engine stalls, the system is termed unstable.

Unsteady Flow at Static and Subsonlc Flight Conditions

Reference 1 polnts out that static pressure gradients and the initial
wonditicn of the boundary layer are important factors that affect both
performance and flow steadiness, It ic also pointed out that flow
unsteadiness more often accompanies high diffuser entrance Mach
numbers. This 1s because, for a given wall divergecnce angle that
gradlent in static pressure increases rapidly at high subsonic lMach
numbers. To illustrate this, Figures 5 -1, 5 - 2, and 5 - 3 are
presented to show the theoretical rressure ratio in a length cgual to
one initial diameter for the moderate diffuser half angles of 2, k4,
and & dcgrees.

Tests of a family of diffuscers vere reported in Reference 1. The
inlets to the diffusers were bellmouth. A sketch of a representative
test specison and the instrumentation is shown in Figure 5 - 4. The
measurcements that were taken include static pressure fluctwitions
vear the diffuser exit as well as performance. The diffuser shapes
that werec tested were described Ly maximum wall divergence angle,

The maximum angles were 8° and 13.5°., The initial angles varicd

from zero to 60, An impcrtant variable was the initial condition of
the voundary layer. The initial condition wao varied by trio wires
placed on the bellmouth entry contour, For some of the +ests, vhen
the initial boundary layer was attached, the paramcter uscd to
express the thickness was Q/r, the ratio of the momentum thickness

to the duct radius. When the initial bcundary layer was scparated,
the thickness was expressed in terms of 5*/r, where &% was the
displacement thickncss. Data [rom the tests described above uppear
in Figure 5 « %, 5 - 5, and 5 - 6 where the perccentage static pressure
fluctuation at the diffuser exit measuring station is plotted versus
mass flow ratio. Also shown on the plots arc a=plitudes corrcsponding
to 6 beat frecuency that was prescnt. This denotes thut there were
oscillations of more thap one freguency present producling a beat

of higher amplitude and lower frequcncy when two oscillutory dis=
turbances came into phase to reinforce each other.
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A similar phenomenon was discussed in Reference 2. The subject
tests, con which most of the low speed loss methodology of Sectdon
2.0 was based, had a total pressure probe with a transducer just
upstream of the simulatcd conpressor face., Here, ns in the
tests discussed above, a pressure fluctuation of lower frequency
and higher amplitude was superimposed on the average periodic
oscillation., Referen e 2 gives a sketch like Figure 5 - T to
illustrate the general nature of the oscillograph traces that
were recoried during the tests., An aj riodic maximum total
pressure fluctuatlion appeared along with a more periodic avnrage
fluctuation., Dynamic data for two of the eight test specimens
were taken. Such data vas taken for a sharp lipped inlet and
one with a 1lip radius of 0.16 inches; the inlet diameter was
slightly over 4 inches. Figure 5 - & shows data for the sharp
lipped inlet and Figure 5 - 9 shows data for the round lipped
inlet. The data shows that amplitude ratios tend to decrease

as speed increases, Also, smaller amplitude ratios are shown
for the round lipped inlet than for the sharp lippec inlet.
These phenomena again can be related to the severity of the
pressure gradlent. Since the degree of separation becomes less
severe with speed increase and with lip bluntness, the ratio of
gercdynamic flow area between downstream and upstream decreases
and hence statle pressure gradienc decreases. The data 1s
presented versus the Mach numter at the simulated coupressor
face. To facilitate more detailed study of the data as it
relates to conditions at the inlet, the theoretical relationship
betw=zen the inlet Mach number, M,, and the compressor face Mach
nurber, M., for the model being discussed is presented as
Figure 5 = 10.

Duct Rumble and Twin Duct Instability

Duct rumble is an unsteady flow phenomenon that has occurred st
high subsonic speeds. In Reference 2, duct rumble was associated
with the Mach number region of .65 te 0.92 vhen operating at

very low inlet velocity ratlos when there is boundary layer present.
In this case “he high static pressure gradient is in front of

the inlet. At the low inlet velocity ratios corresponding to an
ensine windmilling or idic power operating condition, the entering
flow has a small frce -stream tube area that expands to fill the
inlet area as shown in Figure 5-11. Increasing the mass~flow-ratio
decrzases the statiec pressure gradient in the expanding stream

tube and would c¢liminate the rumble, but this is not often possible
since the inlet cize iz dictated by the larger flow quantities.

An cffective boundary layer diverter is the method most often

used to alleviate the problem.

Twin duct instablility is a problem that can occur when twin ducts
emrty intc a common chamber to feed one engine. Referring to

5-2
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Figure 5 - 12, if the inlet is operating at the point corresponding
to the pressure peak at Point s, a disturbance such as the boundary
layer interaction mentioned previously can cause the operating

polnt of one inlet to move to Point b, and the cther to move to
Point a, A sufficiently effective boundary layer removal system
would cause the point for peak static pressure to be at zero velocity
ratio and hence the problem of twin duct instability would be
eliminated. The problem of twin duct instabillty can, of course,
occur in superscnic flight and should be avoided there too. In a
supersonic application, adverse twin duct interaction was alleviated
by perforating the wall between ducts upstream of the juncture to
equalize the static pressure and enable the crossflow to provide
viscous damping.

Supersonic Unsteady Flow Phenomens

Figure 5 -13 15 a typical pressure recovery versus mass flow ratioc
curve for an external compression inlet operating supersonically.

On it are noted the regions of possible instability; on the super=-
critical leg of the curve, normal shock oscillation and the possible
buzz region occuring subcritically.

Two points of the curve are mentioned as being possibly able to create
an englne stall condition.The lower of these two is not likely to happen
in a practical situatlon since it would require a large increase in
corrected weight flow demand. However, under an engine out condition,
the decrease in air flow demand could cause such a condition as the
point at which the intensity of buzz would be sufficient to stall the
engine., The consequences ¢ the other regions of unsteady flow and
instablility can range from annoying noise levels to minor aircraft
structural damage,

Supercritical Normal Shock Oscillation

Wnhat is happening here is not unlike the phencmenon that was
demonstrated in the small scale low speed tests discussed in a

previous section. The degree of this type of difficulty that can

be experienced due to engine variations, inlet contyol system
tolerances, etc. can be minimized by boundary layer control.

However, as the inlet becomes more supercritical the normal shock moves
further aft in the duct. It is impracticadl to remove the boundary
layer along the full length of the subsonic duct. Therefore at some
supercritical mass flow the normal shock will move out of the region

of controled boundary laver and into a region of sufficient boundary
layer that separation occurs which usually leads to unsteady flow.

This type of unsteady flow is characteristically of high frequency and is
not necessarily an instability.



Inlet Buzz

Buzz is the low muss-fliv- ratic phenomenon in which the normal shock
moves in and out ¢f the duczt in an attempt to satisfy continuity.
Separation of cither duct or pre-compression surface boundary layer
occurs during parcv of the Wve:s cyzle, Figure 5 - 14 shows schematic
sketches of two bunz triggering theorles. In the upper one when
the normal shock is expelled fom the duct, a vortex shect from the
shock intersection impinges ¢ the duct wall and separates the
boundary layer which changes the aerodynamic flow area in such a
way that the shock wants to he 3wallowed, After 1t is swallowed the
vortex sheet diseppeers =o thai continuity agaln demands an expelled
shock position.

In the lower diagram, the high &iffuser pressure is bveing fed throug
the boundary layer causiug sepsratico, an altering of the aerodynamic
flow area distribution, usking fy+ shock swallowing, and then after

the cshock is swallowed, the prratesal reasca Yor the swallowing require-
monts is removed, and the whole process repests itselfl.

Iu a prototyps flight test progvan or o supersonle alreralt, a consid-
er-ble amount of datea was gatherzd on porformeanse, distortion, buzz,
a.d buzz in cembination witn engire coupreszor shwall. For that
prticular alrcrstt the resulis wore swenarloed sz foilous:

ve 3 Twoecacney
3

1. The fundameatal Luzz component appenred to ho
»f 4y of froe-stream

nesr 10 cps and an amplitade on the ordey o
total pressurs,

2. Compressor stall often accowpanied buzz with pulse vequenties
on the order of 1 to 4 cps ard amplitudes of up to 2/3 of
roe-stream tocal pressurd,

3. Thot the locations of the maximum amplitudes appeared tn be
in the downstream portion of the diffusar.

These may be thought of as being near typisal; hovever, the eifcets
of distortion and stall toleranss of the compressor are important
Tactors.
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5.4 Inlet/Engine Dynamic Interacticn

For the design of an optimum engine/inlet system. an important inter-
face area, it is imperative that the airframe and engine manufacturers
work more closely togethex. Typically, the engine and alrframe
manufacturer each desigr to the maximum steady state operating
condition. However, accaptable tranaient and off-design operation

of ailr-breathing propulsion systems result in the scheduling of the
various components below their cptimum steady-gtate performance levels,
At off-design operarioun, it is likely that certain iniet-engine
transients would cauze unstable operation. Although scheduled
stability margins are required for only small portions of the mission
timewise, they impose a performance penalty for all steady-state
operations. This malkes 1t necessary for the airframe and engine
manufacturers to woirk cloesly together in this interface area and

make each other aware of *.e cff-design limitations of the components.
Then, an optimum dynamically designed, air breathing propulsion system
wiil result.

F During an inlet development program, initial dynamic measurements
should be made from the beginning. As the program progresses and
larger scale models are tested, more complete instrumentation can be
installed. The random pressure data thus obtained require random
data analysis techniques such as time correlation, spatial correla-
tion and spectral analysis in order to develop distortion design
criteria.

L)

5

Instrumentation requirements for propulsion system dynamic testing
include extremely high résponse pressure transducers with frequency
response capability up to 5,000 cps for scale model testing.

L 1k

A
T

Air inlet-engine incompatibility has become a major problem of high
speed aircraft, The phenomeron consists 6f inlet (or engine) induced
flow distortions and pressure pulsations which may cause compressor
stalls, duct unstarts, etc. One approach to the dynamic interaction
problem is to mathematically model the inlet/engine comwbinations and
then subject the system to high frequency transients. However, in
must cases the pressure fluctuations are random, requiring that random
data analysis tecanijues be utilized such as power spectral analysis.
For the convenizun:2 >f th: 1eader a few of the more common eerms
encountered In statistical analyses of inlets are discussed below. For
more rigorous definitiors and discussions the reader is referred to
any good text on Statistic:l Analysis, a good example of which is
Reference 4.

T

T
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Power Spectral Density (PSL') is a representation of how the mean square
value of the variable being considered is distributed over the frequency
range. In the case of inlet analysis the variable of interest is pressure
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fluctuation and:

-] o0

(APRMS)Z 5
(PSD) d (freq) = - ° d (freq) = APgrms)
A Jp -Te8

The great utility of the PSD representation is that 1f "energy" is
concentrated at or near particular { -equencies, such concentration
appear as ''spikes’ on the PSD graph, and the generating mechaniam
1s hence often determined. An example PSD plot is shown at the top
of Figure 5-16,

Amplitude Probability Density (APD) represents the probability of
occurrence of a given amplitude at any given time. The Central Limit
Theorem states that the APD for a variable that resulia from a
succession of random events can be expected to approach a Gausian or
Normal distribution. An example APD plot is shown at the bottom of
Figure 5-16. This curve is extremely useful since it displays the
"randomness" of the data, Most of the tools of statistical analysis
are based on the assumption of purely random variations. If this is
not true then the statistical analysis is invalid. Thus if the APD
curve varies very much from a Normal Distribution statistical analysis
should not be used. A good example of this is an inlet in buzz. The
definition of turbulence given in Section 5.4.1 can include pressure
variations due to inlet buzz. However, since the buzz disturbance

will tend to dominate the pressure fluctuations due to other sources the
APD plot of an inlet in buzz will not be Normal. Therefore statistical
analysis is not possible,

Inlet Turbulence and Dynamic Distortion

Duct turbulence 1s defined in most inlet studies as the AC component

of the pressure (usually engine face total) at a particular point. The
source of duct turbulence can be external to the engine installation
such as free stream disturbances, wing or fuselage vortices or boundary
layer; or it can be internal such as a burner instability, local
separation in the compressor or afterburner blow out as well as duct
boundary layer instability.

A survey of the steadv state engine face total pressure of any engine
installation will reveal an uneven distribution of pressure across the
engine face. This uneveness is called distortion. A standard parameter
for the measurement of this distortion is (PmaX‘Pmin)/Paverage- 1f,
instead of steady state data, a survey is made of the instantantaneous
absolute value of engine face total pressure this observed disiortion

is called instantaneous or dynamic distortion.




Much work has been done i{n recent yesrs in trying to correlate
turbulence, steady state digtortion and dynamic distortion to !
degradation in engine performance and particularly to compressor <
stall or surge. Recent developments have brought about several

more complicated pargmeters for measuring distortion such as ND1,

KD2, Kp, KRA, K¢, etec., These parameters, however, are related

to specific engines and are developed according to the characteristics
of that engine. It has been found that there is an interrelation
between engine tolerance to turbulence, steady state distortion and
dynamic distortion as well as engine face total pressure recovery.

For example a lower steady state average engine face recovery is
usually associated with a lower tolerance to turbulence. For this
reason turbulence is ugually shown in the literature divided by PT2.
Also a higher value of APpyg/PTy will result in a lower tolerance

‘to distortion. An example of the manner in which this varies is

chown in Figure 5-15. (It should be pointed out here that there

is & slight inconsistency in the currently available turbulence data.
Some of the data is in terms of AP while the rest is in APpmMs. Since
these two are not always clearly differentiated, care should be taken i
to determine which is being used. For a purely random distribution
Op= 6 LPRMg).

e —

Most of the current effort in this field has been concentrated on

the gross parameters such as stecady state Jdistortion and APRMS/PT2
because of the availability of data and ease of data acquisition as
well as the amount of data requ.red. There are thossz, however, who
believe that these gross paramet<rs will never show a good ernough
correlation to stall and that the more detailed analysis methods and
parameters will have to be used s:ich as instaitaneous pressure maps,
power spectral density plots and even narrow frequency band turbulence
measurements throughout a wide frequency range. For example, results
of Pratt & Whitney Aircraft TF-2J turbofan engine testing (Refer-

ence 5) indicates that the percent loss in compressor surge line
showed some correlation with the RMS total pressure parameter (Pngg)

;

in the frequency range from zero to about the rotors revolution FTp
(160 Hertz), however, it did not predict surge. The TF-30 test
results indicate that the surge inducing event is instantaneous
distortion and is predictable. The frequency range, however, had to

be timed to the rotor rotation (0 to 160 Hertz) in order to predict
surge. There were cases where larger dynamic distortion occurred

than that which caused surge, but its time duration was evidently too
short to affect the engine. P&W found that their circumferential dis-
tortion factor (Kg) plotted as a function of time for high cut rates
predicted the pending suige slightly after the peak of Kg occurred

in nearly every case provided that a 160 Hertz low-pass filter was
used on the data prior to analysis.
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The fact that the test data analysis to date has not found a
parameter or combination of psrameters usingé??aﬁs and a form
of steady state distortion that correlate well with the surge
event does not mean that one does not exist. Much effort is

still being expended to find such a correlation.

It is hoped by some that a "Universal" distortion parameter can
be found that is correlatable to stall for all englues. If such

a "Universal” parameter or group of parameters do exist it is
more probable that they will be found in the detailed analyses
methods, It will then be necessary to decide whether it is best
to use a 'Universal" sualysis method that is very detailed or an
individual empirical analysis method of more easily obtained gross
parameters. There are obviously uses for each.

Another area of study in the inlet dynamics field is the problem
of how to scale turbulence from model to full size. It is very
important to be careful here in the use of the terms decay, dis-
persion, and dissipation since considerable confusion can arise
if the terms are used interchangeably. As used here:

DECAY is the decline in magnitude of the turbulence kinetic energy

DISPERSION is the spreading of the turbulence kinetic energy over
the range of wave numbers by inertial interaction of the eddies

DISSIPATION is the process by which the action of molecular
viscosity actually converts the kinetic energy of the turbulence
to heat.

Pratt & Whitney has conducted a study in this area (Reference 6).

The conclusions of this study, although not yet universsglly accepted,

give evidence that for most inlet turbulence the rate of decay of
turbulence within both subscale models and full scale inlets is primarily
limited by dispersion rather than by dissipation. As a consequence,

the decay of inlet turbulence intensity will be independent of the

inlet Reynolds number over a very brcad range of Keynolds numbers.

This simplifies the scaling of turbulence energy spectra. For cases

where this is not true it should be pointed out that sub-scale

turbulence tests will give an unduly conse-vative prediction of turbulence
intensity at the engine face. It should aiso be emphasized that the

above discussion is concerned with turbulence decay and not with turbulence
production which can be very configuration and Reynolds numnber dependent.
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6.0

Inlet Control Considerations

As flighi speeds increase, the rolc cf the air induction control

system becomes more important. This is a natural consequence of

the increased ram compression available at supersonic flight speeds.
For example, potential ram compression is greater than 7.8 at Mach 2.0,
36.7 at Mach 3.0 and 76.2 at Mach 3.5. Within the flight regime being
discussed, ram pressure potential exceeds present state-ci-the-art
turbojet/turbofan overall compression ratios. Hence, the inlet becomesg
important and an integral part of the propulsion cycle.

The primary function of a supersonic inlet is to efficiently convert
the kinetic energy of free-stream air to pressure. In addition, the
inlet must supply the correct amount of air at velocities which the
engine can accept. And it should do this with low drag over the

entire range of operation. With increasing flight Mach number, the
task of the inlet becomes more difficult, and inlet design becomes

more sophisticated to meet a wide range of requirements. Inlets for
Mach 1.3 to 2.5 aircraft all incorporate variable geometry features to
provide variable precompression and engine airflow matching. These systems
maintain the normal shock externally, and therefore, the contrel system
is relatively straightforward. Aircraft above 2.5 maintain the shock
internal, and are normally referred to as a "mixed compression" or
"started" inlet. Needless to say, such inlets require complex control
systems.

Optimum air induction system performance necessitates an inlet control
system that will maximize total pressure recovery, minimize spillage
drag (additive drag) and recover as much total momentum of by-passed
airflow as possible. Specific topics that must be considered are:

a) Requirements for the variable geometry inlet and the
control system that must control it.

b) Approaches to obtaining variable geometry.
¢) <Closed loop vs open loop control system.
d) Sensors,

e) Servo-Valves.

£} Ac
g) Linkages

h) Error Analysis

6-1




6.

These topics will be discussed herein aud theilr impact, both
singplar and cumulative, on the air induction system will be
stressed.,

Requirements for an Air Inlet Control System

The amount of compression available from a supersonic inlet afforded
by converting the kinetic energy of the air to pressure 1is shown in
Figure 6~1 as a function of the total-to-free-stream static pressure
ratio, PTo/Po ., Thus, for an aircraft flying at 0.9 Mach number, the
theoretical ram pressure is 1.7 times the free-stream static pressure,
whereas for a supersonic jet flying at Mach 3 the theoretical ram
pressure is 36 times the ambient pressure, and at Mach 4 the ideal
theoretical pressure is 150 times the ambient pressure. These pressure
ratios are considerably greater than the sea level static compression
ratic of a turbojet, and at supersonic flight conditions the turbojet
compression ratio is markedly reduced making inlet compression even
more significant.

Also shown in Figure 6~1 are practical limits of the total pressure

for three inlet types. Type I is for subsonic and low supersonic

flight speeds up to approximately Mach 1.5, a simple normal shock

inlet provides very efficient compression of the air. With this inlet
type the air is decelerated from supersonic to subsonic velocities through
a single '"normal shock". This inlet requires no control mechanism since
the normal shock is stable and will adjust to varying engine airflow
requirements. The F-100 employs this type of inlet. With a Type I
inlet, total pressure losses increase very rapidly above Mach 1.5; thus,
it is no longer a practical inlet for operation near Mach 2.0 or above,
Type II is for the intermediate speed range from Mach 1.5 to 2.5, an
external compression inlet can provide good pressure recovery (i.e.,
inlet total pressure divided by the free-stream total pressure). With
an external compression inlet, supersonic flow is decelerated externally
to a lower supersonic Mach nuwiber by one or more obliguc shocks and/er
isentropic compression turns prior to deceleration to subsonic velocities
through a '"'normal shock” at the cowl lip station. The normal shock has

a small range of stable operation and can adjust to only a small amount
of engine airflow variation; however, this range can be increased by
providing bleed flow in the normal shock region. Variable geometry is
required with this inlet to enable it to: operate efficiently over a range
of Mach numbers, to provide better engine matching characteristics, to
vary the amount of external compression, and to reduce the spillage

drag. Type III 1s a mixed compression inlet and is for high supersonic
Mach numbers, 2.5 and above. As the free-stream Mach number changes,

the inlet control system is required to vary the amount of turning of

the free~stream air by varying the inlet components. This concept is
generally referred to as a "started” or mixed compression inlet and has
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6.1.1

both external and internal compression requirements for the free-
stream air. The reason for these two compression modes is that
there 1s a limit of approximately 12° that the air can be turned.

If this limit is exceeded, the efficiency of the inlet is reduced,
which results in both less thrust output by the engine and increased
aerodynamic drag on the overall airplane. Therefore, above approxi-
mately 2.5 considerably better performance can be obtained with an
external-plus-internal compression inlet. With this third inlet
type, the flow is decelerated supersonically to a low throat Mach
number by a series of oblique shocks. 1t is then decelerated to
subsonic velocity through a '"mormal shock” located near the minimum
area or throat region., Some sort of variable geometry is required
to vary the amount of compression and usually to accommodate starting
characteristics of the contracted internal flow passage.

Inlet Control System Performance

The inlet pressure recoveries shown in Figure 6~1 for the different
inlet types are representative of the maximum practical pressure
recoveries of each inlet type and do not reflect any penalties due
to control tolerances or due to mismatches with engine airflow re-
quirements. Therefore, the inlet control system's tolerances must
be compatible with the operational limits of the total propulsion
system. This means that the configuration and performance of the
inlet control system can vary considerably for aircraft in different
speed regimes, Generally, the higher the Mach number the more
accuracy and sophistication is required by the control system.

Figure 6-2 shows typical inlet performance characteristics at a
given supersonic Mach number. The performance is given in terms
of the inlet pressure recovery, PT1/PTO, the inlet mass-flow-ratio
MFR~--which is defined as the actual capture flow divided by the
ideal flow which could pass through the inlet projected area--and
the inlet spillage drag coefficient, Cpy. During supercritical
operation with the normal shock swallowed, the inlet captures
constant relative weight flow. When the normal shock is downstream
of the capture station (as shown by the lower sketch) the pressure
recovery is low (roint A); by throttling the inlet, the pressure
recovery can be driven up to a critical point (Point C) where the
shock is just attached to the cowl lip. This is considered the
optimum operating polnt for inlet pressure recovery. Further
throttling of the inlet will drive the normal shock ahead of the
cowl lip, spilling some flow externally {as shown by the upper
sketch for Point B), The portion of the inlet performance curve
above the critical Point C is called subcritical operation, Proper
throttling of the inlet is the function of the control system. The
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weight flow spilled during the subcritical operation results in
increased drag as shown in the lower right-hand corner of the
figure. On such a pressure recovery~reiative weight flow plot,
lines of constant engine corrected alrflow are shown by straight
lines radiating from the origin. The intersection of this engine
corrected weight flow line with the inlet operating curves is the
operating peint for a specified inlet size, For a high engine
corrected weight flow, the intersection may be in the supercritical
portion of the inlet performance curve (Point A). For a low engine
corrected weight flow, the engine oper:iing line may intersect the
inlet operating curve at Point B giving higher pressure recovery but
some increased spillage drag. The optimum operating point is a
trade-off between pressure recovery, mass-flow and drag. For any
one flight condition, the inlet can be sized to operate at the most
favorable point of the performance curve. However, at other flight
conditions the engine airflow requirements may not match the inlet
airflow characteristics and either a pressure recovery penalty (exem
plified by Point A) or a drag penalty (exemplified by Point B) may
result.

Inlet Off-Design Point Penalties

The problem of inlet-engine matching is ‘discussed in Figure 6-3 for
two extreme cases of inlet design: (1) for an inlet having a fixed
capcure area in which all the compression is internal and the amount
of compression 1s varied by varying the internal geometry and throa“
area; and (2) for an inlet having a fixed throat area in which the
compression is external and the amount of compression is varied by
varying the external flow spillage and free-stream capture area. For
this example, both inlets were sized te deliver 100 percent relative
weight flow (MFR = 1.0) at a Mach number of 3. The relative weight
flow schedules for the two inlets are shown in the upper half of
Figure 6-3. The fixed capture area inlet has a constant relative
welght flow of 1.0, whereas rhe fixed rhroat area inlet has a

relative weight flow schedule which markedly decrecses below the
design Mach number, dropping to approximately 30 percent at Mach 1.0,
On the lower portion of this figure is shown the corrected weight flow
schedule of the fixed capture area inlet, the fixed throat area inlet,
and a typical turbojet engine. Thus, the fixed throat area inlet
would deliver constant corrected weight flow to the engine, whereas
the fixed capture area inlet would deliver greatly increased airflow
2t low Mach numbeis. A typical engine corrected airflow schedule
falls in between and varies by a factor of 2 between Mach 1.0 and
3.0.

Since a fixed capture area inlet typically delivers more air than the
engine can use, excess flow must be spilied through downstream by-pass
doors and a drag penalty is incurred. On the other hand, fixed throat
area inlet, which delivers too little airflow off-design, operates
supercritically (with the normal shock being located downstream of
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6.1.4

the throat, Figure 6-2) at a reduced total pressure, The loss in
total pressure incurred by the fixed throat area inlet is illustrated
in Figure 6-4. With this inlet, a 50 percent loss in total pressure
recovery is incurred at Mach numbers between 1.0 and 2.0. In compari-
son, the fixed capture area inlet (by virtue of downstream flow
spillage) could operate along the maximum pressure recovery potential
of this inlet below the design Mach number. The drag of these two
inlets is shown in the lower half of Figure 6-4. Although fixed throat
area inlet requires no downstream flow spililage, the large amount of
external spillage results in even higher drags than the downstream
by-pass spillage of fixed capture area inlet.

Inlet-Engine Airflow Matching

The effect of the matching loss on engine performance is shown in
Figure 6-5. The upper half of this figure shows the relative net
thrust which is normalized by the thrust for a perfectly matched
inlet having no drag. On this basis, the fixed capture area inlet
causes a small thrust penalty due to the drag of the by-pass flow
spillage; however, the fixed throat area inlet with its lower airflow
handling capability causes a large thrust penalty amounting to as
much as 60 percent at the low Mach numbers. The relative thrust
specific fuel consumption is shown on the lower half of this figure.
On this basis the differences are reduced; however, they are still
significant at the lower Mach numbers. As can be seen from these
results, a large thrust and fuel consumption penalty is incurred
when the inlet airflow is too low necessitating operation at a
reduced pressure recovery. Therefore, it is extremely important to
design the inlet to capture as much airflow as the engine can handle
at the maximum inlet pressure recovery. Although not as severe, the
airplane drag penalty due to capturing too much weight flow must be
carefully considered.

Inlet Transients, Buzz and Distortion Limits

During transient operation of the engine or aircraft, specific fuel
consumption can be allowed to increase without any significant effect

on range because of the short time gspent in these transient conditions.
However, during these transients, it is important that the inlet and
engine combination doesnot get into any conditions which could result

in engine stall or excessive aircraft roughness. For these reasons

it is important to avoid operating regions which result in (1) excessive
distortion at the engine face, {2) inlet buzz conditions, and (3) duct
unstarts.

The definition of regions where buzz or excessive distortion can occur
involves a very empirical science and, in general, test data are
requlived to define these regions for specific applications. Wind tunmnel
test data provide a qualitative feel for the regions of concern, It is
recognized that these regions may be influenced to some extend by the
presence of the engine and, therefore, in the actual installation, these
regions may change somewhat.
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6.2.1.1

The buzz and distortion regions are influenced by a multitude of
parameters such as Mach number, angle of attack, angle of yaw,

engine airflow, spike or ramp pusition inlet turn anmgle. TFor

buzz and distortion regions encountered during engine airflow
transients, Figure 6-6 illustrates the desired operating point

in terms of inlet turn angle and spike position at the nominal

engine airflow at a flight Mach number of 1.8 and typical angles

of attack and yaw. Also shown on this map are the regions of airflow
and spike position where excessive distortion and buzz can occur at
this particular turn angle.

This figure also depicts the same buzz and distortion regions at the
turn angle which is scheduled for the maximum corrected engine airflow

which can be obtained at this Mach number

Configuration of Variable Geometry Inlets

Generally, these approaches fall in two categories, the two-dimensional
inlet, or commonly referred to as 2-D and the axisymmetric of 3-D.
Each approach will be discussed from a control system standpoiunt only.

Two-Dimensional Inlets {(2-D)

This type of inlet is rectangular in nature from the inlet to the
throat and then as the duct approaches the engine face, it makes a
transition to a circular cross—-section to mate with the engine.

These inlets generally require a little more distance between the
entrance lip and the engine face than the 3-~D types. This additional
length provides a better opportunity to minimize pressure distortion
at the engine face. Some of the existing airplanes, utilizing these
two-dimensional inlets are F~4, RA-5C, XB-70, Concord, Russian TU-144,
etc. Figure 6-7 illustrates a typical 2-D type inlet control system.
The inlet control system must position two, three or four ramps, air
by-pass doors, or a by-pass ring, and possibly the inlet iip; however no
existing airplane varies the inlet lip.

Ramgs

The function of the ramps is to vary both (1) the amount of &air
spilled arcund the inlet, and (2) the throat area. In addition,
they provide an area in which to bleed the inlet and provide sliding
air seals at the ramp edges Since the ramps are hinged together,

.
- - 3 .

their movewmeni must be coordinated.

6-6




6.2.1.1.1

6.2.1.1.2

Ramp Location

These ramps can be located either in a vertical or horizontal
position. From a controls point of view they are desired to be
located vertically, parallel to the fuselage, for the following
reasons:

1) When two inlets are involved, it is much easier to
provide synchronization and possible combinations of
the powered mechanism.

2) Faill safe position is genevally required to have the
ramps in the retracted position. It is easier for
the aerodynamic loads to retract the ramps because
only friction forces must be overcome.

3) The back up structure is much more rigid because it

generally is in the fuselage. Thils provides less
structural deflection inputs to the system.

1f they are located horizontally, usually additional back up
structure must be added to withstand the duct internal air loads.
Also, in case of control system failure,the aerodynamic loads
required to blow back the ramps must be sufficient to overcome
both the system friction forces and ramp weight.

The ramps are generally controlled by a Mach number schedule.

The sensor may be located (1) at the inlet for a local Mach number
indication, or (2) 1in the central air data system for the free stream
Mach number. They must be positioned at any point between fully
extended to fully retracted; therefore, the control system must be
capable of assuming an infinite number of positions. The system can
be either an open or closed loop system. A closed loop utilizes
additional sengsor located at the throat which detects the throat
Mach number. This aerodynamic signal is fed back to the controlling
mechanism. Mach 2 vehicles generally utilize a two ramp system and
Mach 3 vehicles utilize either three or four. However, the fourth
ramp generally 1s a two position ramp.

By-Pass Ring or Doors

The function of these doors or rings is to provide a passageway

for the excess air taken aboard bui not required by the engine. They
allow matching of the inlet duct air supply and engine air intake
demand. The excess air may be utilized as secondary ccoling air and
then discharged overboard. :




Bv-Pass Ring

These rings ave utilized just forward of the engine face as shown

in View "A"™ of Figure 6-7, and arc generally found in a type of

system that does not require fast response. This means aircraft

of the 1.5 - 2.5 Mach number range and generally an open loop system
as mentioned above. These rings are usually mounted on the engine

and translate forward to mate with a fixed airframe mounted ring. They
are controlled by vehicle Mach numbers. In order to close this loop,
a4 pressurc recovery sensor may be installed in the diffuser area on
the inlet.

Bv-Pass Doors

These doors are utilized just forward of the engine face as shown

in Figure 6-7, and are generally found in a system that requires

fast response. This means aircraft of the 2.5 to 3.5 Mach number
range, and a closed loop system. These doors are in two sizes. The
smaller doors are called "trimmer" doors and are utilized to position
the normal shock at pilot selected position. The larger doors are
slaved off the smaller ones as shown in Figure 6-8, which is a
different concept of the doors shown in Figure 6-7,

These large doors are naturally designed to handle large flows and
they should be designed to discharge their air through a convergert-
divergent type nozzle. This minimizes the drag penalty. The loop

is closed by an aerodynamic feed back signal obtained from a unit
which senses the normal shock position.

Axially Symmetrie (3-D) Inlets

Thege type inlets are of citcular cross—section and cenical longirudinally
From the inlet's entrance lip to the throat, the duct cross-sectional

area diminishes and from the throat to the engine face it increases. These
type inlets are generally shorter in length than the 2-D type for the same
pressure distortion level. Some of the existing airplanes utilizing these
3-D inlets are: ¥-104, B-58, Boeing's SST, Russian MIG 21 and SR-71.

This tyvpe inlet is illustrated in Figure 6-9,

The inlet control system must position the spike, air by-pass doors,
or a ring.
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6.2.2.1 S5pike

1e function of the spike is to (1) contrel the amount cof air
spilled around the inlet and (2) vary the throat (minimum) area.
The most common method that is utilized to obtain these variations
is to translate the spike as in Figure 6-9. Hewever, alternate
methods are to translate the cowl or to collapse the spike.

The spike, of course, must house an actuator that is utilized to
translate it forward and aft or collapse it. The spike must alse
provide an area for the boundary layer bleed and air seal at the
sliding surfaces. The bleed air must be ducted from the spike to
the vehicle., This generally limits the amount of bleed that can

be accomplished because of the limited area allocated for air ducts.
If cooling is required, this duct area limitation further constrains
the design. As in the other types of systems, the sliding surface
must be air sealed,

6.2,2.1.1 Translating Spike

This type spike may be in either 360°, 180° or 90° segments. The
sensor that controls the position of the spike is the same as the
ones discussed for the 2-D ramp which sensed local Mach parameter
or vehicle Mach parameter. When the 1:0° or 90° segment spike is
utilized, they are mounted on the fuselage. This location provides
more volume to house the mechanism and duct the bleed air away and
simplifies the air sealing of the sliding surfaces.

The 360° type, when utilized, imposes a geometric constraint on the
AICS system. The mechanism must be housed inside the spike. The
actuator generallv is long and slender which means its load carrying
capability is limited by the poor slenderness ratio of the actuator.
This type also has a control problem in angles of attack and yaw.

If the inlet is mot aligned with the flow the entering on the windward
side experiences more compression while the air entering the leeward
side experiences less compression. The inlet control system must
therefore control to some average between the two conditions. This
requires multiple sensors arocund the annular inlet,

6.2.2.1.2 Collapsible Spikes

This concept has the advantage of varying the throat area more than

increased. This concept still requires additional inlet area for
take-off.




o3 Comparison of 2-D and 3-D Inlet Control Systems

Some ke tactors tor comparing the 2-bD and 3-D inlet control system
arc preseoted 1o Fable b ooand applications on Table TEL,

TABLE i

COMPARESON QF 2-D AND 3-D INLETS

Item 2-D 3-p
Ve— i
Desipgn Pt Pertormance ;
Yercent throot Arca Variation tood Translating Gollaps. ve
Low Fair :
T !
oo - s

Wr & Mechanical Fair Good Fair ]
o —7

Aux, Inlets for Off Desiqun Pr. Generally Generally

a Not Req. Yes

l Svs, Dewv, Adaptatilicy Good Poor :
Sve. Stabitity Good Fair :
: . _— —_
Sensor signal Fair Difficultc j
. N . T - ’ - e . T
tround Check Fair Good ;
i

TARLE 11

APPLICATION OF TYPES

item 2-D 2:2
Application F-4 | F-105
F-105% B-58
RA-5C SST
Concorde SR-71
XB-70 MIG-21

o.w Inlet Control System

Inict operaticn is characterized by nressnre changes, but it can account
tor altitude and temperature effects by using pressure ratios for control
siy .als. Inlet controls must sense some signal to determine if a specific
apcraling pesition is the one desired, and if not, provide correction
thiooph repositioning the variable geometrv and other inlet vavlables.

The control can ondy achieve results ccnsistent with the signals it
receives and the variable copability of the inlet. Both open loop and
civosed leop coatrols are feasible, so each st be considered when




selecting the mode of contrcl. The inlet control must

actuator as a function of a preumatic signal.

6.4.1 Closed vs Open Loop Systems

two basic control concepts.

input parameters, so this is termed opern loop control,
must measure each parameter which requires a change in

dynamics cf open loop controls,

tive of inlet operation which are strongly affected by

is a majer gain in the feedback path thus -zontributing
to control stability and response. In addition to the
characteristics, this type of conivoel must account for
transmission line, sensor, servo control, and actuator

be sensitive

to sudden changes in the entering air and must also be sensitive to
downstream disturbances caused by the engine. Such changes require
rapid response by the inlet concrol to prevent disturbing and perhaps
unsafe aerodynamic effects from occurring in the propulsion system,
Conditions which could be encountered are buzz, shock expulsion for
started inlet, engine stall, and {lameout. Any of these conditions
could be a flight hazard. Not only must the contrel react quickly,
but it must measure the pressure ratio signals with precision.

Figure 6~7 is a sample of the gross information flow of a closed
loop system. The control functions indicated are throat and by-pass

Th:. question of open loop versus closed loop inlet controls deserves

close scrutiny. Figure 6-10 illustrates the difference between these

The open loop control schedules actuator position to predetermined
values. A change in actuator position has no effect on the control

The system
the inlet

configuration and combine these schediles and biases with actuator
position feedback to achieve the desired output. Some commonly used
parameters for this type of control are: local Mach number, diffuser
exit Mach number, angle of attack, angle of yaw, positieon of other
inlet geometiy, and engine parameters indicative of airflow such as
corrected speed and compressor pressure ratio. Overrides are ofen
provided to account for inlet Luzz, restart, severc maneuvers, or
sudden engine airflow changes indicated by changes in duct pressure
or fuel manifold pressure. Because the signals are unaffected b+
actuator position, sigral characteristics have no effect on the

A closed loop inlet control pesitions the actuator te achieve a
desired aerodynamic effect, The selected input signais are indica-

actuator

position. This aerodynamic feedback gives a closed loop control.
Therefore, the signal characteristic has a major effect on loop
dynamics., The slope of signal pressure ratio to actuator position
significantly
signal

inlet ducrt,
dynamics.
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Parameters cormonly used or considered for closed loop control are
shock position and inlet Mach number at the lip,throat, or diffuser

oexit.

Overrides are often required with closed loop controls, as

they arce with open loop controels, to achieve safe inlet operation

under unusually severe operating conditions.

Considerations for Inlet Control System Selection

A comparison of open loop and closed loop control considerations is
given in Table ITI.

Takhls TIT

“immals

Joosal Control

Clexitvinis

Tpen Loop

Insensitive to inlet changes.,

Tixad peometry close to desired,

Less data nceded.

llorc predictabie fer restarts
tuzz anc other transients.

Ylardware more complex,

Closcd 1.00p

Highly sensitiva 4o
inlet changes.
Compensates for .I7
tolerances temr
effects on struciure
& enrine air f{low
tclerence,

Feedtack srrstem nrerf-d.
Limitec tc charge ~f
probes reqguires rioc
test date.

Analysis more eomplex,

Can locatz sensors wiih

Dootallavion ‘lain centrol actuater
pesition feedback difficult. actuators.
TAucr 51lirntl- more quiescent power,  Peak power sanc as
open loop control.
'yt redundancr % Usuall:- less than
open loop,
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Signals - Open loop control parameters measure upstream and down-
stream conditicris., Often this is local liach number, entrance flow
anFularity, and diffuser exit Mach number, The signals arc normally
unaffected by minor fixed inlet configuration changes, so inlet
gecometry would therefore Le positioned as it was befors the inlet was
modified. Aerodynamlc wind tunnel data sufficient te provide inlet
performance would be adequate tc define the signals and control
schedules. Inlet unstart, tuzz, and other transients would have

little effect on the control signals s- the action would be predictabls.

Closed loop control depends o aercdimamic feedback., Aircraft

inlet e-ntrol system designers must have a clear and thorough knowl-
edge of the signal requirements for successful inlet control., These
requirements rust be considered irn the design and test stages of the
inlet development to assurz that they are obtained,

Listed bzlow are four of the primary requirements for closed loop
asrod;manic signals:

1. 3ingle valued - This aveids possible contrel saturation
caused by transient disturbances away from set pointv intc
multi-valued area,

2, High gain - High signal gain is necessar; to meintain a
small errcr in the scheduled parameter caused by set point
shifts within the errcr band of the contrel,

3. 2easonable ranse - The gain characteristics must be maintzined
f~r a reascnakle range to aveid gross errcrs and possitle
flight malfunction caused by a small errcr in the set oo

~int,
4. Clonsistent rain at =211 cenditilions - A consistent valae of
the sipnal gain will enable the ceontrrl te e sized 4. heve
hirh responss at all conditions. If the signal gain varies
with flight cznditions, stability requirements would generall:-
require the control to be sized so that the respense rate
wruld vary accrrdine to the signal gain varisticn,

FirFure 6 - 1l describes a sienal with ideal characteristics, and z
¢ mparis™n of this ideal signal to four other signals with pcor character-
istics is show in Tipure 6 - 12,
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- delinition then,these signals are located close te regicns of

nirh pressare gradient such as the normal shock., Small changes in

n= inlet e onficuration usually cause gross changes in these signals
whieh i tirm can cause the inlet peometry to be far from the desired
positin unless there are additional changes to the coentrol such as
rolocated sipnal probes or revised pressure ratio set points. DBecauss
tin sirnal slopes are seo important to loop dynamics, much more aero-
drramic data is readed for the closed loop control., Data is needed

Tor the M1l rance of inlet geonetrr and for numercous potential
prhe trpes and locations, One advantage of closed loop control is
the tendener o achieve automatic compensation for manufacturing
t-laraneos in the inlet, temperature effects on the structure, engire
airflew L-lorateoss, and other fact-rs of importance which are not
~egsurad,

Manual Control - The ope:n loop contrel inceorporates cutput positi-r
it is readil;- adaptable to manual control, A closed loop
1e other rand usually dees not have this feedback, so one

Flexibility - “ecause the signals are cutside the open loop ceontr:-l

Teen’lack path, other parameters can be added to bias output position

23 with at upsetting srstem dimamics, Closed loop controls

5 Tlexitlie, Usable sienals generally have limited ranges of

=12 acr-dmamic rain s> added parameters would probatly requira

a ¢hanrz f peotes,  fnother problem is the losp dymamies which could
or-s3l affected by the added control loop and thus require revised

¢ nurol rain and ¢ mpencating networks. Any change requiring new

Pr hes or laree revisicn of pressure ratio set points will likelr

nec.ssitatt new tost data over the entire operating range of the inleu.

Cotplexity = “pen loop controls depend on measurement of all
nator pvarancters that affect inlet operation, There are more sens-rs

wi

or2 computing devices, hence, there is usually more hardwara
©owitt o closaed loop control., The closed loop control reduces “he
cr -f sensing and computing functions by selecting paraneters
: 2 the same end by measuring the cercdynamic elfect on
at ~f these major parameters of influenc~., Closed loop inlet
s roanire complex analysis of the aercdyramic and dimenic

cristics.,
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6.4.2.5 Installation - When the open loop control uses several parameters
f~r compating output schedules, these functions are generslly grouped
into one main control, 3pace limitatisns and aceceasibility result
in the main control being installed remote from the actuators.
Position feedback must be routed to the main control ithr.ugh rather
torturecus paths, Closed loop controls could locate the sensor with
the actuator and thus eliminate the installation difficulties of
feedback systems,

6.4.2.6 Power Consumption - “ach sensor and computing function requires
a certain power drain on tle aircraft, This quiescent power is
nermalls abeut 37 of peak power demands, The closed loop control
uses slightly less quiescent power because ~f fewer elenents. It
must d> the sine work in the same time, however, so the peak power
is the same as the cpen loop control,

6.4.2.7 Weight -~ The weight =f the inlet contrcl can vary widely depending
~n the envircnment, fail safe features, self check capability, adjust-
eents for flexibility, complications fer ease of maintenance, sctc,
edundancyr philosophy and packaging concepts cause direct weight
increments, The hardware simplicity of closed loop controls usually
provide weight savings. ‘Thenever ¢ ntrol system weights are discuzsed,
the trade-cff between weight and performance is tne deciding fact-r,
5 heavier control that runs thz iniet more efficiently enahles the
aireraft t~ achicve its flipht ~tiectives with lower fuel consumption.
The weight ~T fuei saved can be nany tines the weight inerement for
the ¢ ntr-l,

In addition to the technical criteria delineated atove, and perhaps
of prime importance, is the time schedule and develcpment status.
If the period from program initiation to flight demonstration is
shiort, then proven concepts and thoroughly developed equipment
should be selected. This may also dictate an open leop control
because the closed loop coutrol requives additional wind tunnel

and flight test data with more complicated analysis. Choice of a
closed loop control entails z development risk but often promises
better performance.

Selecting the proper inlet control mode is a task with many facets.
Evaluation must be hased on requirements which provide operational
efficiency and flight safety in accordance with the overall
functional plan of the vehicle.

6.5 Sensors
All the sensors detect a pressurs ratio in the inlet. These ratios
have various nomenclatures; however, they all boil down to and

generally they are as follows:

Psig = signal preszure as toial pressure

P,og = reference pressuve as static pressure
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ea: Lrpas of sensors utilized are as follows:

“echanical - Dellows, levers, cams, pistons

“lectr nic - Linear elements, transistors, resistors,

& capacitors,
Mure Fluid Devices Pure fluid elements,

Jens. \rs

. s
e vcept

-~ 13 sh s a force balance type pressure ratio sensor., Lae

aevies works or a talanced beam principal with foreces in equilibrium,

N [P
s e
. [ B
. oLt
T N
statlic
- 3+
At
n
1o
Ao

pipe valve is in the null position, and both flow and pressure
gides »f the serv:y piston are equal. A change in either

T Upqiient Will cause a force unbalance and deflecti-n ol

i resuliing ir a change in btoth pressure and flow to the

1 “he loop 1s closed through rollers providing
Il d“a"“ from the serve piston, 3Such a senscr offers hiph
ait becnuse of the pressure and flow sensitivity developed

ralve and epood QCCLra”“ tecause of the mechanical! desisgn

splacemants of ¢ svstem. ilowever, this senscr is
:7n";‘iv Lo echanpges in thc {luid viscosityr, or temperature changes,
and pressurs variaticns fromoche aireraft's hrrdraulic system supplyr,
.l Jnachor Sensor

L
t,

3 W
3orve pi
o “'lll

P eaks
JARATIDAIRS o b
AR

fal 1 . pr
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I tave

v he shown tha
B = +

thal serve

g Drourn

\

“ w3 an innovatisn in hrdro-mechanical pressure rati-
Trelor Gnqgor, "his device offers sinple internzl
~n3ine machanism. The principal of operation of the

r iz best explalned - the three sets of vectorsz showm
w, The yvectar =11 indicates initial steadr state
For a change in static pressure, the force unbalance -n
s w-uld produce a rotatlon of point 1 aboul peint 2 as
Al

15 motlon of point A would he fed to a double—acting

[
-
oo
4]

shon rotatad Lo brine point 4 back to its original positien

o1l the [lapper valve,

Lt for this type of sensor, the tangent of o is
An precsure ratic sen sed bir the two bellows, It
pisten metion iz proportional to o, and hence

s2nsing loop,
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Forcn Balancing Beam Concept

Force balance sensors achieve their accuracy by the fact that the
becllows operate in a force-versus-pressure regime which is penerall:r
a mrre lincar relation than deflecticn-versus-pressure, Conscguently,
a ninimum ~f zhapine and functicnalizing is required, Low hystaresis
is achieved dus t~ the prineiple :f "balancad feorce' and theref~re

no ztrain s imp sed on the diaphragm or bellows. A1l defiection-trpe
cens rs exert @ strain on the diaphragm and as a result, exhibit
definite hrsteresis, The force balance sensqr Lxhlhlts lowest,
possible temperature effects throush extensive use of stainless

stecl in the elements, Vibration r“fects are easily eliminated b
the additi n of counterweirhts and viscous damping, Lecause of the
electrical errcr ocutput sirnal schene employed.

The pressure rati . transducer shown schematically in Figure & - 15

is a trpical fcrce balancing beam instrument, with a serve-driven
shalt positioning the output synchres, A sheort stiff beanm, pivoted

~n a mevable lerrum which has attached to it a2 differential pressure
bellows {71y — P) at cne end and an evacuated bellows (Pg) at +the
ather. The bellows are attached to the beam thr-ugh f{lexure piv-ts
w-ich eliminate the need F~r knife edrces and can transmit {orce in
either directicn, The team is .ree to rotate abcut the fulerws T
displacing the bellows sligatly from their normal balanced position.,
Control p"essur¢ Py is fed into the instrument case and reference
pressure Prop is fed intc a pressure bellows. Prneumatic forces are
appiied tc the beam by the two bellows, one evacuated bellows praducing
a force prrportinnal to a Tn and one differential bellows producin

a frrce proportionsl to Iyt ~ Pp. A change in either pressure

caxses beam unkalance, The unbalance is detected b7 a twe-phase

secrvo s'stemwhich functicns to restore beam talance. The bellows

are held essentially at c-onstant length, which av:ids the large
hrsteresis n-rmally asscciated with deflecting plates and disphragms.
The instrumznt is crmplevelrs encleozed in 2 sealed case

ilscironic Gensurs

Ar dimportant aspsect ~f electr-nic control is 3 nE.
Wrrors=necehanical techn-legr, the techniques ~f control have Leon
hishlr developed, but pa ckaglng and sensors continue to reccive
CP"fICDﬂP it autrwtlxu. Twio new trpes of sens-rs which are ‘wmderphing

develepmeat investirati-n are sh-wn in Tigures & -~ 15 and £ - 17,

ensing Similar ic
-
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eare uo- v shows a stretched diaphragm type of sensor. This is
2 eapnacitive Lpo transducer in which capacitance is a function of
he lead ot diaphragm, or on diaphragm displacement and air gap.
i:s in diaphragm displacement are minimized by preloading
e amm L a high stress level, Jince the per cent change in
to4nl load with changes in pressure is very small, the effect of
2rror s alse small. This trpe of sensing device shows promise from
L standpoint of hyrsteresis, linearity, and temperature sensitivity,
‘o material chanpes in the basic scheme shown also indicate promise,
o ates nmay be replaced with quartz as it also exhibits
atilit with changes in temperature and stress. Thoughts
siven to the use of erystalline diaphragm such as

T, quartz or sapphire,

po
A
2

P

~
|
e
%

“irire O - 17 shows ancther promising trpe of pressure transducer,

This cdevice is made up of twe concentric quartz cylinders with metallizod
: 7t als: is a capacitive trpe transducer and premises improve~

tivit:s t- Lemprrature and vibration, These are only two

Ll o0 ex~tic sensors currently belng investigated,

currartls limdtod technologr, the application of pure fluid
t.- advanesd air inlet control concepts are anticipated,
amplifiers, as the name lmplies; are devices which contrel
£ a fluid median, cither gaseosus or liquid, much in the
1ot vacoum tures and Sransistors control electron flow,
sare o= 17 ahows twe trpiecal configurations for pure fluid amplifiers,

Tasieall:s o tpes ~f pure fluaid amplifiers exist, Cne, the bi-

iz depande=nt upsn the tendency of a fluid flow strean
a wall (the COAMIMAL effect)., In the sketch shrwm,
+1 the power nozzle will attach itself to the wall
ar and will remain in that condition until a control
5irral is pr-vided tco tresk the attachment and divert
arm where iLhe stream hecomes attached to
dieital element is otviously eguivalent to
circuit and 1s applicable to logical

iaged Listable elements cen also be used as "and/cr”
e "and” mate pure Dluld device, the flow stream renzins
e wall of the mo output” arm and will remgin in this

6~18
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stale until input pressure signals are present at all the centrol
input ports., a2 similar manner, the "or" element is biased so
that the Tlow stream is diverted t- the cutput arm when a prassure
sirmal 1s present at an- one or more of the input poris,

The second trpe of pure fluid amplificr is the proporticnal or analor
flaidic elemen' in which the flow strcan is prevented from attaching
itself t~ a w 7r the prasence of wall vents, In this deoviece tno
Tlow stream iz ¢ erted pr-oporticnally to the two output leps L the
pressure differential at the twoe contrel ports,. This device is
equivalent to a prportionsl electrenic zmplificor.

A% 4his tine, bistable elements are sufficiently well developed tc

be epplied to logic eircuitrs and are incorperated in a few commercial
centrol apolications, including a sheock position senszor being
developed ¥ linmeapolis - Honcrrwell,

Tirtre & - 19 is a pures fluid proporti-nal clement used ‘o produce
an output OF proportional tc the ratio of twe input pressures. This
device, at a fixed pressure level, has an cutput characteristic as
s wn, bul reguires the addition of successive stages for prassure

~

level compensasicn,

The pure fluvid pressure ratio sensar could be applied Lo a simple
air irlet e-ntrol loop, providing acceptable thraoshcld levels can
bz at*ained.

jerv- Valve

This portion will discuss hrdraulic serve-valves conlyr,

wredranlic serveo-nechanism is a cltsed loop srstem containing

-"‘s
¢ ntrowler (Corvo-Talve) a=d a fecdhack element cr elesments ica
(actuet-r),

2.0

Thke sorv- valve varies the rate as well as thc direction of flow of
fluid to an actuator bty neterirg the hrrdraulic fluid through contrelled
~rifices. There are three t:pes of hrdraulic servc-valves, a s=atine

a sliding, and a jet pipe type.

In the seaving ~r poppet type of serve valve, the control member
rirves in Lhe same directi n as the static pressure {orce which is
acting on tre nemter, In other words, the fluld and the control

LT
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bep move in the same direction., The principal disadvantages of
nis arrangement are that large forces are required to move the
a-niral member when anthing but very small flows are controlied,
ILd that the t-tal valve notion must be within the clearance between
tne ¢ ntrolline menber and the seats. If additional clearance is
2sed, a hirh quiescent. leakage results,

The two priacipal advantages o7 the seating- or porpet-type valves
are that, in reneral, ther are simpler devices than the slide trpe,
and that ther can be bullt with considerably less stiction on the

¢ rtrollinr nemter., The principal use of the seating-type valve,

sor serv--valves, is in pilet stages, like the flapper valve commonly
wsed in the first stape °f the hyvdraalic amplifier,

lidirng trpe of serv: valve emplers a controlling member that

in a directi:n perpendicular tc the static pressure {-rce, or

~dicular t~ the flow of fluid, The sliding-type valve has
ideratl- less leakare than the seating-type and can be buillt

with mue hirher power rains, Of course, sticticn forces are grecter,

ard s1ién valves can ba nere easilr jammed by dirt and impu.ities,

There are manc varieiies o7 slide valves, such as spool types and

“lat plates, which either slide cr r:otate, but the sliding sp-ool is

the st oommonlys ased for A0S,

<
S G w

F

consists of a2 nogzle and a receiver block, The
pipa, is arranged .7 a pivet so that it may he dis-

placed Jrom oa reutral positicn, as shown in Figure 6 - 25(a). The

‘e, pipe serves 4~ corvert pressure energr intc the Kinetic energy

& ‘e and direct tnis ‘et toward two receiver holes in the receiver
; "Then the ‘et ~f oll strikes the flat receiver block, its
+ic enere is recoversd in the f-rm of pressure. If the stream
3 direzeted ex~atlr halfwar between the receiver holes, the pressure
Lothnn tw “oles will te qual, the uifferential pressure, therﬁf*re,
S Zur . An Lhm el ULU*‘ is LIPIJ_CLLCQ, more ¢il will be directed al
ne hole then the ~ther, raising the pressure in that hole and
deerrasine tHe pressure ~n the other, and thus creating a differenticl-
0

233ure cubpat

'3
.
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6.6.1

Figure 6 - 25 shows thc idealiged pressure-flow curves, or character-
istic curves, of a servo valve plotted from Equation (6.1), These
curves are analogous te the torque speed curves of an electric mrtor

cr to the characteristic plate curves of a vacuum tube, For different
values of X there are different curves; they are all parabolas

which pass through the points where PI, = Pg in either direction. Above
the 3 = 0 1line the flow is through the other set.

Cutput Power of Jervo Valve

In a valve-controlled system, part of the power is sacrificed for the

privilege of maintaining precise control., This can be demonstrated

by calculating the maximum output power which can be passed through

the valve, The power output is flow multiplied by load pressure drep,
H=PF,xQ

PL x CgxPg = PL

To maximize,

dH -5
oL csz/PS -7 -Ppxdx(Pg-PL) J: 0

P -2
(Py - i)t = 5= (Pg - P

(6.1)
H

s - P = gL
and
2
or Py = 2/3 P, when H is maximum
where

1, = flow through load

2 = valve constant

x = displacement ~f ¢ontrol element
F¢ - supplrr pressure

Pr == pressure drcp across lead piston

6-21
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6.1.1

Thus, the maximum--area rectangle which will fit under each curve has
P = 2/3 Pg., Usual design practice 1s to establish the maximum

required actuator load and velocity, then to wuie a piston area such

that this load can he carried with PL = 2/3 Pg, and provide for
sufficient flew to move the piston at the desired velocity, Figure

6-25, This, of course, 1s done only in the interest of obtaining
optimum efficiency as far as the use of hydraulic power 1s concerned.
There may be other sets of conditions which would call for other methods
of fitting the power—available curves to the power-required conditions.

Twc~Stage Hydraulic Servo Valves

Most two-stage electro-hydraulic servo valves use a nozzle flapper
valve for the first, or primary, stage, and it is well suited for

such use. It has an extrenely lightweight moving element, requiring
only very small magnetic forces; therefore, less electrical input
power is required for any given response cnaracteristic. The nozzle
flapper valve can be used as a pressure (force) controller with a
spring-loaded spool as a second stage. Used in this fashion it is

not an integrator; thus, the valve can be used open—loop, It has
comparatively high neutral leakage,but since the first stage need

not be large, its flow consumption may be held within 1 to 10 per cent
of the total flow across the power spool. This arrangement makes it
possible to build valves up to 15 horsepower in capacity with inputs
of as little as 10 mw into the torque motor, and with outputs of up

to 20 gpm with time comstauts of 3 to 5 msec. A twu-stage valve of
this type is practically insensitive to accelerations and vibrations
because the forces available to drive the spool are many times greater
than the weight of the spool itself.

Figure 6-26 shows a typical two-stage valve of the open~lcop type.

The first stage has a calibrated pressure ouiput which 1z applied to
a spring-loaded second-stage spool.

Another type of two-stage electro-hydraulic valve, one with a flapper
pilot stage, is shown in Figure 6-27. This valve has a mechanical
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flapper of the

drmt~ Ame arnd -~€
inuvs o Cnu ol

feedback from the spool of the power stage tc th
4

37 4 ¢~ A+ A K
pilst stape. A threc-way valve whose output

the power-siage spcol is used as the first stage, OJupply pressure

is applied t - half the area of the other end of the spocl, and the
remaining balancing force is developed in the feedback spring.

This spring 2oplies the feedbark force to the flazpper. The spool

will alwayrs move in such a manner as to keep the control pressurc
(inside the nczzle and ~n the full area of the end of the spcol)

at one-half the supply pressure., This creates z displacenient cf

the spool which corresponds to the flapper position, greatly megnified.

€
Ae
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o
S

Firpure € = 28 illustrates a valve which also has f{eedback around
the first stage. A four-wg flepper valve is used for the first
stare. The flapper is extended in the form of a leaf spring, the
end of which fits intc a grzove in the spcol, s the spocl meves,
it ceflects this spring and applies a force upon the flapper t-
bring the pressure back to neutral,

FiFure 6 ~ 29 shows a more recent valve in which a jet-pipe valve
is emplored for the first stage and a special feedback spring ccnnects
the prwer sprol with the first-stage armature,

Force feedback, as used in the last three vclves described zbove,
causes the spool to follow the first-stage armature position, Torce
feedback mskes possible extremely high first-stage gains; thus, the
valve 1s less susceptitle to spool friction induced by contaminaticn.
It can also assist the making of a valve with good linearity.

Actuators

The preliminary design of actuators is discussed in this secticn,
The data represents an actuator, consisting of an aluminum body and
a2 steel piston and piston rods with normal operating pressure of
3,000 psi. The maximum pressure that these units can withstand are
7,500 psi,zﬁ times the operating pressure per il H 5440 bursting
pressure, That is the material can have permanent defermation but
tae actustor will still hold pressure, The unit must alse withstend
4,500 psi surge pressure with nc permanent deformation.
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6.,7.,1 Desgign Consideratiors

The following assumptions for this prelimirary design and welght
estimgtion are as follows:

(a) The piston rod diameter is % the bore diameter,

(v) The hinpe moment is maximum at the midpoint of the strcke
and equal at the retracted extended positious.

Correction for coniiguratinns other tnan in (b) above may be mwde by
selacting a larger deflection angle,

Desipgn Formulae

Jee Firure 6 ~ 30 for Actuator Geometry and Legend
Pore Design

(1) Tandem Actustor (2 hydraulic systems)

A=I (62 - 4;?) x 2 4, = %-
4
A =X (42 - $3) x 2
&4 it
A= é—17.” d?- = it
15 Pleos 3
.2
d = &glé%:_/ ¥ for P= 3,000 psi
veis , L

-6

(XY

jee curves, Figure 6 - 31

(2) Para’lel - Cingle fod Fnd Actuator (2 hydraulic systems)
. 2E92= 11

° Leos ¢

2

1.5

8

@]

1*F.J

d =< for P = 3,000 psi

sl
nﬁe§

Jee curves, Fipure 6 - 327
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(3) 3ingic Red Tnd Accuater (1 system)

E Fleos ¢
=4 v 2
3 T
‘ 0206 [ ;
d = oo T for P = 3,000 psi
2

See curves, Figure é - 33

3troke Netermination

3 = 2L sin

See curves, Figure 6 - 34

6,7.2 Meight Formulae and Curves

(1) Plain, Single Rod Fnd Actuator

A formula obtained from Reference 8 was used to plot the curves
] showr: on Tigare & -~ 35, This formulae is for a plain slwninum
alloy crlinder and a steel rod. lio valve is included in this
weight. Rod dia, = 4 tore dia.

The formula follows:

'} = 2.6 x 107°d42P + (.00023) a3p; [20,000 + T
20,000 - P

-3.2
1 +2.31x10 3pig° | 20,000 - P\ % . 5
| 20,000 + | + 02584~ + ,03%2d"7
~ Olazad + (,02633 = .0305)d2 + .8 x 1077 d4P?
+ [,012a3 + (,07355 - .0447)d2] 2p

2C,000 - F

3
+.0036d *+ .0436a° + ,1097d + ,OL7%

6-25




TTRIBPTINET R,

Q.
It

bore dia., inches

¥
I

3 = stroke, inches
P = pure, psi

For P = 3,000 psi the formgla becomes W= 0478 + ,1097d
(.208 +..05hS)d4 +.245¢7+ ,007234

S5ee cwrves, Figure 6 - 35.
(1) Dual System Actuator and Valve

The A3J longitudinal, directional and lateral actuators were used
to arrive at the curves shown in Figure 6§ -~ 36 Corrections for
various strokes were made by calculations of the weight change for
various lengths,

Desipgn Summary
Data required:

Hinge moment, M, in. lbs, (max,)
Deflection of Surface or component, @, degrees (max.)
Lever arm length, L, inches

1, Using lever arm length, L, and deflection angle, 4, determine
actuator stroke from Figure 6 - .

2. Calculate the forge gradient, s hinge moment divided by lever
arm.

3., 3elect type of actuator to be used, 1.e., balanced dual tandem,
or single rod end, dual, parailel, or single rod end, single
srstem,

4., Usine the curves Figures 6 =31, 6 =32 and 6 - 33, for the type
of actuator selected determine the bore diameter from the force

nediont and Adaflention snecle.
gragient gng geieclilion angle,
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6.8.2

5. Using curves Figure 6 - 35 or 6 = 36 determine weight of actuator
from the bore and stroke.

Linkapes are utlilized as the connectors between the surfaces to be
controlled and the controlling mechanism., In the AICS system

they are the comnecting link between the system, generally actuators,
and serv> valves and the moveabls ramps or soikes and doors or range
for the throat and by-pass functions, respectively. These linkages
are divided up into two categories: one is the power linkage and
the others are follow up or control linkages.

Power Linkages

All power linkages distribute the load of the actuators to varicus
points or point on the moveable unit (ramp, spike, door or ring).
If the load is low or the surface is rigid, then only a few points
are reguired to distribute the load. However, if the surface is
flexible, several points are required tc distribute the load, The
trade-off here is the nwber of attach points versus the rigidity
cf the moving surface..i.e. several attach points, which is com-
plexity, for a light weight but flexible surface; or few attach
points, which are simple for a rigid, heavy surface.

Figure 6 ~ 8 shows this linkage in schematic form,

Follow=-up Linkage

A1l follow-up linkages are designed to transmit position only, and
generally null out some balancing mechanism., Therefore, they are
lishtly loaded and rigid encugh to withstand the ambisnt vibratcery
loads, The mechanical fcllow up linkages are generally push pull
r-ds or teleflex (flexible shaft) cable.

The systems als- utilize an electrical fcllow-up alsce, These are
in the frrm of a potenticmeter, some are linesar and scme are rotary

The location of this f~llow-up mechanism in the vehicle is extremel:-
important, It is desirable to have short runs for accuracy of the
mechanism itself with 2 minimum nuber of joints and minimum
strictural feed back,

4 !
e W e

is so desirable to locate it directly on the surface that the
system is ¢~ntrolling and at a pesiticn than has mininum deflection
under load,
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€.9.1.1

Error Analysis

An error analysis must be related to a specific propulsion system

so the errors can be evaluated in terms of aircraft performance. When
comparing more than one type system for the specific propulsion
system, performance gains of one system over another must be traded
against such factors as welight, reliability, maintalnability, cost,
etc., to best satisfy total weapon system requiremente. Therefore,
the inlet control system selected for a vehicle with a specific
propulsion system may differ considerably from another vehicle

vith a similar propulsion system (same engine) but a different inlet
control system.

One vehicle may have open icop throat and bypass control and a
competing vehicle may utilize an open loop for the threoat control
and closed loop for the bypass control. Still a third competing
vehicle may utjlize closed loop control for both the throat and
bypass control.

As a result of these variations discussed above, a critical evaluation
must be accomplished by the weapons system evaluators and determine

if the inlet control and propulsian system selected for the total
weapons system will perform as proposed.

A key factor in determining if an inlet control system will perform
as proposed is a detail error analysis of the system with rerards to
total vehicle propulsion efficiency and duct spillage drag throughout
the complete flight envelope.

The following paragraphs will analyze an assumed inlet control svstem
and provide sample of a simplified error analysis for a ramp system.

Controci Svstem Errors

Errors in the control system can be grouped as sensor errors,
computing errors, and feedback errors,

Sensor Characteristics

Accurate sensors are prime requirements for accurate inlet control.
The beam balance sensors shown schematically in Figure 6-13 provide
about 0.8% of point accuracy at the lowest pressure levels and with
the most adverse enviromment. Typical pressure range of the local Mach
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6.9.1.2

static signal 1is 0.5 to 20 psia. At the low pressure condition the
total error would be 0.004 psi which is ouly 0.024 of full scale.
Considering that sensor thresheld is a part of the total c¢rror, onc
can see that the sensors are precision instrumerts with accuracies
comparable to some of the best laboratory equipment available.

Figure 6-37 is a graph to indicate how the percent error variation

of a specific sensor capability varies with altitude. This situation
applies because in sensing a pressure ratio at altitude the absolute
pressures are so low. In order to achieve this accuracy in a force
balance sensox, caveful atention is given to every dctail of the
system. The pressure sensing bellows must exhibit a linear force-
pressure characteristic from 0.25 to 35 psia. These arec evaluated

on a specific deadweight tester built for this purpose using graduated
weights accurate to 0.01%. Force balance linkage mechanism must be
rugged to withstand the environment of an engine nacelle but yet so
precise that it must be assembled to tolerances less than 0.0001 inch,
The let pipe valve develops sufficient pressure differential on the
servo pison to start it in motion with cnly 0.000010 inch displace-
ment of the input arm and presents only a 0.0002 pound load on the
sensor linkage to accomplish this. The overall force amplification
from the jet pipe input arm to the scrvo piston output is 100,000 to
1. The sensor assembly is mass balanced to better than 0.0005
inch-pounds making it insensitive to acceleration, attitude changes
and vibration. Tnermal effects are 2liminated by a packaging concept
that creates equal heat flow paths to critical points in the mechanism
through material with equal thermal resistance.

Computer Characteristics

Computer errors include manufacturing tolerances on the scheduling
cams and minor control shifts or wear which appear as null shifts in
the control valve. To determine the result of these errors in terms
of ramp angle, the errors can be transposed to increments of reference
ramp angle or actual ramp angle. The computer errors are as follows:

(1) Scheduling Cam - The manufacturing tolerance on the radial dimension
of the scheduling cam is 0.0005 inch. This gives an error in the ramp
angle reference scheduled into the ramp position control, Although it

is desirable to use large cams to minimize the errors contributed by
manufacturing tolerances, compromises in cam size are necessary. The

cam rise (change in radial dimension) determines linkage travel which in
turn sets linkage lengths to avoid serious non-linearities. Linkage
stiffness is affected by the loads and iengths. Cam rise thus has a signi-
ficant erffect on the weight and size of the control unit, A quarter of
an inch (0.25 in.) cam rise is usually a reasonable compromise between
control weight and accuracy.

(2) Control Shifts = Minor shifts in the computing linkage, control
valve, or control housing can occur from wear, temperature expansion,
erosion, and other sources., These can be combined and considered as
a shift in the null point of the control valve. A reasonable assign-
ment of error to these sources is 0.0002 inch of null shift.
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Feedback Charactaristics

Backlash in the mechanical transmission of ramp position to the

control unit is directly related to error in ramp pesition. Typical
values for this backlash is equivalent to 0,050 inch of actuator

pusition.

Sample Error Analysis

The following paragraphs describe a ramp system, other systems are
similar.

Local Mach Sensor Error

The sensing error is, in general, related to the inverse of sensed
static pressure level, Hence, the higher the static pressure, the
lower the error. Under conditions of typical maxiwmum speed at high
altitude, total errors experieunced with the present state-of-the-art
sensors are * 0.8%Z of local Mach pressure ratio (A PRLM/PRIM). The
resultant error in ramp position depends on the slope of the ramp
schedule with ¥ - mumber, the higher thc slope the larger the gignal.

48> = (local Mach sensing error) (slope of ramp schedule)
A8y = 0 PRLM/PRLM x PRLM) (362/3PRLM)

Sample Calculations

The local Mach static pressure (PsLM) is 0.5 psia and the total
pressure (PTLM) is 2.70 psia. The error in ramp angle (g) con-
tributed by the local Mach sensor is the error in reference ramp
angle scheduled into the computer and 2 degrees/local Mach pressure

ratio.

A82 = (0,008 » 5.4 unirg) (2
88) = (0.0432 units) (2°/unit) = 0.086°

Scheduling Cam Error

Utilizing manufacturing data described in paragraph 6.9.1.2 (1) the

scheduling cam error is as follows:

A6y = (Acam radius) (cam rise)

38
29, = (bXg) |—2
aXg
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inch radius

46, = (0.0005 inch radius)( ) = 0.03°

Utilizing data described {iu paragraph 6,9.1.2 (2) the control shift
error is as follows:

In terms of reference ramp angle the 0.0002 inch shift must b
reflected back to an equivalent cahnge in cam radius and thus a
given error is scheduled ramp position.

1
482 = (o valve position ) (cam rise)

forward linkage gain

1.28 inch  wvalve inch cam radius

inch can radius

462 =(0.0002 inch valve% 1 \ (_9959_2

b8, = 0.0094°

This same error could have bex- reflected to actual ramp angle

through the forward coutrol pa a. Displacement of the ramp contrel

valve transmits hydraulic pressure and flow to the rawp actuator. The
actuator moves in response to the icads applied and the flow available.
In the dynamic sense it is an integrator that moves uantil the input

error to the control valve is reduced to zero. Actuator pesition is

fed back to the control valve so that displacement of the actuator gives
a prcoportional displacement of the control valve in the dircection to
renull the valve., Output position of the actuaton is thus proportional
to the valve position. Ramp angle is related to actuator position through
the kinematics of the connecting linkage and ramp wechanism. The follow-
ing calculuation uses typical values for component relationships:

1
feedback linkage gain

482 = (A valve position) ( (ramp linkage gain)

+

o 1 1 562
282 (1 Xgy) X
RV | 3 Xy /9 Xrrn 8XRFB/2 NRA ) (3XRA )

Sample Calculations [

1
0002 inch) T % T3 va1 X !
’\*-3 iﬂ&%_lﬁiXS: 0.03 inch feedback
n feedback inch actuator

202 = (0

- ———

2,129 82 \
inch actuator}

262 = 0.0094° just as shown with this errur reflected to the reference
ramp position




A

6.9.2.4

6.9.3

Feedback Error

Utilizing data described in paragraph 6.9.1.3 of 0.050 inch of
; the feedback error is as follows:

NS ri ooy pCSitiOn

AQ2 = (equivalent 4XRa) (ramp linkage gain)
282
492 = (AX _—
(2} ( RA) BXRA)

Sample Calculation

50
L.ll___eL \ = 0.1060

A82 = (0.050 inch actuator)( inch actuator)

Summary of Ramp Control Errors - The overall accuracy to be experienced
with this equipment is a statistical summary of the centributing parts.
Good correlation has been achieved using the square root of the sum of
the squares. Applying this formula to the ramp control errors yields
the following:

VI (component erxors)2

A82 total =
162 total = V(0.089)2 + (6.03)2 + (0.0094)2 + (0.106)%
482 total = 0.14°

Vehicle Impact

The hypothetical control system analyzed will weight about 70 pounds per
inlet. The trade-off between weight and performance is dependent on the
veliicie mission. However, if we assume 80,000 pound vehicle with twe
inlets with 20,000 pounds of fuel aboard, and a SFC Inlet pressure
recovery ratio of 1 to 1.8, then an increase of 1% in pressure recovery
can be evaluated as follows:

0.018 x 20,000 = 360 pounds of fuel
plus vehicle growth reduction of 25% when fuel is involved

equals 360 x 1.25 = 450 pounds

for this vehicle 1% inlet pressure recovery is equivaient toc
a reduction in Take-Off-Gross Weight of 450 pounds.

Now assume this inlet control System makes an improvement of4% in inlet
pressure recovery over a fixed inlet. Then the reduction in T.0.G.W.
will be as follows:
(450 x 4%) - (70 x 2) = 1800 - 140 v
= 1660 1lbs.
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When evaluating competing inlet control systems, then of course the
inlet pressure recovery ratio remains the same for a1l systems; but
this ability to provide delta inlet pressure recovery and their
corresponding weight are the determining factors.

Type III Characteristics (Mach 2.5 and above)

Figure 6-38 indicates maximum pressure ratio error of <he local Mach
sensor over the flight envelope. This curve indicates the largest
error at approximately Mach 2.0Q.

Figure 6-39 indicates sensor Mach error vs airplane Mach number. This
curve indicates that the concorde has a higher tolerance Mach nuwber
than most existing air data computers.

Figure 6-4C shows the variation of the shock position signal with inlet
pressure recovery for a typical Mach 2.5 and above aircraft.-

Figure 6-41 and 6-42 are cross plots of typical type LII data. These
curves indicate pressure recovery error and sensor full scale accuracy
versus signal pressure ratio errors for a typical sensor. These

curves are applicable to an aerodynamically closed loop system with only
sensor errors inc¢laded.

6~33

et

e




Aefererces

(459

¥epler, M. “dward, Inlets for Supersonic Flight, United Aircraft
Research Laboratories, 1967,

Harner, kermit I,, Dymamic Response Requirements for Inlet Controls,
Hamilton 3tancard Division of United Aircraft Corporation, 1967,

Flanders, Theodore, Methods of Inlet Control, Hamilton Standard
Divisicn of United Aircraft Corporatien, 1967,

Hawes, John J,, Advanced Inlet Control Techniques, Hamilton Standard
Division of United Aircraft Corporation, 1967,

Zahoun, “rank, Signal Probe Characteristics, Hamilton Standard Division
of United Aircraft Corporation, 1947,

‘lorse, Allen C., Tlectrc~Hydraulic Servo lechanisms, McGraw-Hill Book
Companv, Inz., llew York, 1963.

Yilvurper, “. A., "lectro-ilechanical Systems Freliminary Design,
TAZ0Y-171, 1960,

faoke, ©,, Gessner, &, and Smith, R. L., Cptimum Pressure for a
Hrdraulic 3rstem, WADC TR54-189, Janusry, 1954.

6-34

ki i




e it Bl

MAX.,
128 |- THEORETICAL
EXTERMAL PLUS
6 k- INTERNAL (TYPE III
- MIXED COMPRESSION
3 - _ EXTERNAL
- - TPEII
- _ NORMAT, SHOCK
16 F ~~ TYPE I
T ﬁ
L
N ~=
1 H
15 3 3 %
MACH NUMBER
FIGUKE 6-1, COMPARISON OF REPRESENTATIVE INLET PERFORMANCE

€-35

sunassilll




Inlet Total Pressure Recovery - pTl/‘pTo

1.0

0.8

0.6

0.4

0.2

Alrflow
e o

A

N
w4
NN

—n

<\,.—_L Alrflow

SPILLAGE
DRAG
- 3 @ 1
\ a,c
A | i
0 0.2 0.4 0.6 0.8 1.0

Masas Flow=Ratic = MFR

FIGURE 6-2. Typical Performance Characteristics

0.2




Mags«Flow=Fatio

1.0

FIXED CAPTURE

|(TRTERRAL COMPKESSION)

v

N

FIGURE 6-3. Engine Airflow Matching

6-37




1.0

0.8

0.6

0.k

0.2

-y

™

¥IXED CAPTURE

FIXED THROAT

| od

FIGURE 6-k.

Badi oy s pow e

Off-Design Inlet Performance

6-38




S SR
TMatch

TSFC

TF%atch

MATCHED

TYXErTRRNRE——————

0.8 |

1,0

DELTA THRULT LOSS
0 L] 6 p—

0.4 \_____/.maol\/

TP
0.2

1.8 ~

DELTA FUEL
1.6 L FIXED THROAT CONSUMPTION

"ﬂncmm\
1.0 o=

FIGURE 6-5, Off-Design Engine Pertormance

6-39




Spike Pogition

X
R

Spike Position

P
R

NOMINAL ENGINE ATRFLOW TURN ANGLE (9p)=20°

77

/-Q///
N

220

Corrected Engine Airflow

MAXIMUM ENGIKE ATRFLOW
TURN ANGLE (€p) = 18°

1.8 ] ////
b 1/20///4//%3{% 1% 200 5220

Corrected Engine Airflow

FIGURE 6-6. Buzz and Distortion Regions with Varying

Engine Airflow

6-40




Sheck Waves l I e R~ = -5 S

Ramp Actuator

Ramp P ;
IFeedback ————=  Control

[
/ Bynass
Actuator
Local Mach
Sensor | ™ 2D Cans
. | Duect Mach Bypass
Sensor “1 control
- |
Feedback

FIGURE 6-7. Typical Two-Dimensionsl Inlet Control System

6-L1




T

TANDEX

TAvEY T

RIURAULILG

ACTUATORS

INPUT -
FROM - 7
AICS

/

1

FIGURE 6-8. Bypass Door Configuration

N
]
o

bt

sl s Mttt i e s e e e

e . sl

i




R “"‘!"W

BY-PASS
RING

s
SPIKE —
M//
—_ BY-PASS
DOORS

FIGURD 6=9.,

Illustration of a Conical Spilke Inlet Control System.

T,

[IERTIRI




SET POINT
OPEN LOQOP
COMFUTER X
| S i
! CAM BIAS
PT 1
o] L

F Illl!i’f_—
T2 SENSOR

T, s SENSOR

1

} l 7’

L

SET POINT

]

ACTUATOR F-

)
8
3
g
ﬁ

CLOSED LOOP
P SENSOR == —
2
P
TO
TRANSMISSION SIGNAY,
LINES PROBES
L

FIGURE 6-10.

Inlet Control Concepts

———rrree e
L ;
L ) ;

INLET DUCT INLET
AERODYNAMICS GEOMETRY !(-‘———J

6kl




'W“a‘ YRR
| rmennte ATV

Aero
Signal

All Msch No's
All Wo'e

Reagonable
Range

and

Slope

High Gain

Scheduled Parameter

FIGURE 6-11. Signal with Ideal Control Characteristics

6-Ls5




AERO
SIGNAL

AERO
SIGNAL

— T

rlrm*xr"w'—uw‘ s

MULTI-VALUED
SIGNAL

Set Point

/
~ Design Transien. Could
e Cause Contrel to
Saturate

POOR RANGE

—

\

/
4 Small Error Could
- Cause Major Malfuncticn

LOW GAIN SIGNAL

ERROR
BAND -
-
~
4
/
/
== l_ =
/’A
-~ H.. SMALL ERFOR
LARGE ERROR

NON UNIFORM GAINS VARYINC
WITH FLIGHT CONDITIONS

/| VARIATION

CONTROL HAS
EXCESSIVE GAIN

SCHEDULED PARAMETER

SCHEDULED PARAMETER

IDEAL SIGNAL

FIGURE 6-12. Signal with Poor Control Characteristics

6-46

et ot et b i 2 L

e i




oo

~FIEXTRLE TUBING
P P
JET PIPE D [ B / FLEXTELE SEAL
VAL
W
PRRSEURES. < ) N
TO SERVO PISTON §
N MACH SENSOR
N NS ; ANERHRNNNIRNNR
E X< .
8
§
N \
; AR RN
> INCREASING EVAC
PRESSURE

F, = f(Pp - Pg)

Fp = f(Pg,X)

P'l‘ = Total Pressure

A High Pressure Source

g
=]
fl

Pp = A Low Pressure Dump

FIGURE 6-13. Jet Pipe Pressure Ratio Sensor

6-47




B final

o>

- LTRECTICN OF PISTON RESPONDING TO ERROR SHOWN

FIGURE 6-14. ¥orce Vector - Pressure Ratio Seusor

648




PO

e el e A
! |
] o [
+ [FTLTER & |
: - P ]

|
: ‘<:P Z£$EA |
| |
i E/ ¥CTRONICS | F} < Pinp ~ P
T S A _

P P
B INF Fox Pp
1L
SENSOR UNIT
w \-A \
I s
‘ y 2 | R
NOTOR BEAN D
“==~| TRAIN |
1
SYRCHRO | _ 1 ETRCAR) PRESSURE RATIO TRANSDUCER
) 2

FIUJFE 6-15. Pressure Ratio Sensor Block Diagram.

Compliments of AiResearch Mfg. Div.

6-49




VENTS
\ [ METAILIZED SURFACES

T

i prS
/

/ P \
CERAMIC PLATES STRETCHED DIAPHRAGM

(18]

FIGURE 6-16. Stretched Diaphragm Pressure Semsor

§-50




QUARTZ
CYLINDERS

METALIXZED
SURFLCES

FIGURE 6-17. Variable Capacitance Concentric Cylinder Pressure Sensor

6-51




PRI -

CONTROL
PORT CONTROL
PORT
POWER
STREAM
PORT CONTROL
PORT
BI-STABLE
PROPORTTONAT,

FIGURE 6-18. Pure Fluid Amplifiers

6=-52




b memsnbin M it B

-

s,

115 -
AP
PSI 1.0 | /
.5 L
=ob-.3-.2 -1 o
WL .2 .3 .b ;
.5 - f
“loo - APR 3
-~ :
'105 = ]
H

FIGURE 6~19, Presgure Retio Sensor

6-53




Control QOrifice

Control Orifice

2 =
s :

T

W
l SLIDING

T \\\\\\N
N

FIGURE 6-20. General Configuration of Valve Ports Showing
Control Dimensions

6-54L

R Ry P



ey

FIGURE 21 INTENTIONALLY OMITTED

6-55

N ke
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Legend:

System Actuator
L = lever amm, inches A = rotnator area, 1n2
M = hinge moment, in. lbs. d = bore dismeter, inches
¢ = deflection angle, degrees d; = rod diemeter, inches
R = max surface rate, deg/sec. F = force, 1lbs.

P = hydraulic pressure, psi
Q = flow, in #/sec. or gm

S = actuator stroke, inclies
v = piston velocity, in/sec.
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NOTE: This chart states that if the requirements are

to maintain a 0,05% pressure recovery error, the
sensor full scale accuracy must be 0.12% error.
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7.2.1

Secondary firflow Systems Performance

Introduction

Definition of Secondary Airflow

Seccroary air is that quantity of air which is taken onboard the
aircraft either through the engine inlet. duct or external scqops,
passes between the engine and the surrounding aircraft strycture, and
is either ducted through an engine ejector exhaust nozzle or dumped
overhoard through openings in the aircraft structur=s.

Purposes

Secondary airflow serves several useful purposes;
1. Engine and Accessory Cooling
2. Engine Inlet Airflow Matching
3. Improve Ejector Exhaust Nozzle Performance

Engine Cooling

Cooling Configurations

Practically all turbine engine installations utilize secondary

airflow for cocling the engine, engine accessories, and surrounding
aircraft structurc. Figure 7-1 presents two typical cooling configura-
tions. Figure 7-1A represents the T2B installation which has a fire-
wall separating the hot sections from the area of combustible fluids.
For ncrmal flight conditions, air which is taken from the inlet duct
near the compressor face, flows through the forward compartment, and

is dumped overbeoard. Air for the aft compartment is taken zboard
through scoops in the side of the fuselage. It passes through the
compartment and passes overboard through an ejector nozzle. For ground
and very low speed flight operation, the ejector nozzle is capable of
pumping sufficient quantities of cooling through the aft compartment.
In the forward compartment the inlet duct pressure is below ambient

and this causes reverse flow through the compartment. As flight

speed increases there is null point when the duct pressure equals
ambient pressure and there is nco flow through tne compartment. This
null point is a function of airspeed and power setting as shown on
Figure 7-2. Tt is wsually a transient condiiion and does not cause
over-temperature problems. However, if the null point would occur
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during a loiter condition, either the air intake at the inlet duct
or the overboard dump could be modified to change the pressure
balance and cause a positive flow of cooling air.

Figure 7-1B is a flow-through type instellation employed in the RA-5C,
Air 1g taken from the inlet at the compressor face through a modulated
jap. The air flows through the engine compartment &nd. is utilized

in the ejector nozzle. For ground and low speed operation, the ground
cooling door is opened and air enters the compartment, divides, with part
of it flowing forward through the gap and into the inlet duct., The
remainder flows aft through the ejector nozzle., I% is theoretically
possible for a null point to occur in the forwsrd portion of the engine
compartment with this installation, but no cooling problem has ewer been
discovered. The only over-temperature problem that has been encountered
is when the engine bleed duct leaked.

These are only two configurations. There are no doubt many variations
of these two installations plus completely different configurations.
Methods for calculating the quantity of secondary airflow will be
presented in subsection 7.5 that should be applicable to many configura-
tions.

Structural Temperatures

The quantity of cooling air required to cool the engine is generally
less than that required to cool the gurrounding aircraft structure.
If the structure is cooled, the engine will be sufficiently cooled.

For any particular flight condition the structural temperatures will

be a function of secondary airflow as shown on Figure 7-3. The quantity
of secondary airflow should be sufficient to operate at point A on the
curve so that variations in secondary airflow will have only a slight
effect on structural temperatures., If the airflow is reduced to point B,
slight variations in airflow cause large changes in structural temperatures.
It must be remembered that the quantity of secondary airflow decreases
with altitude, therefore, the structural temperature will

increase with altitude. The thres F1"°\"" condirions that are usua:lly
critical for structural temperatures are: 1. Ground operation, 2. High
altitude cruise, 3. High altitude supersonic flight.

Inlet Matching

Supersonic inlets are sized o obtain the best performance at the design
condition. At off-design points the inlet usually has excess flow
capacity and this additional capacity causes increased additive drag.




The additive drag cen be reduced by increasing the inlet flow which
means increasing the secondary airflow. Additional secondary airflow
also increases ram drag. The net effect may or may not be an increase
in thrust.

Figure 7-4A presents a typilcel inlet duct operating line with the

duct airflms operatirg line superimposed. The duct airflow consiets
of engine airflow,secondary airflow, and eny other miscellaneous
airflow that may be extracted from the duct. The duct airflow opera-
.ting line is to the left of the knee of the inlet curve for off-desigu
operation but wsually the optimum engipe performance is obtained when
the duct airflow line is at the knee. The duct sirflow operating line
can be moved to the right by increasing sccondary airflow. Utilizing
the pressure recovery where the duct airflow operating line crosses
the inlet duct operating line, the net thrust of the engine can be
calculated by the following equation

FNe - FN - DA.DD

where

Fyo = Installed net propulsive effort

Fy = Inmstalled net thrust including the ram drag of the
secondary atrflow

Dypp = Additive Drag

Figure 7-4B shows the result of increasing secondary airflow. Point A
has excessive additive drag. Point B is close to optimum. At Point C and
D the inlet 1s probably supercritical and the additive drag is constant
at its minimum value but the pressure recovery 1s decreasing.

7.4. Nozzle Performance

7.4,1 Effecte of Secondary Airflow

Ejector nozzles are employed on turbine engines for two purposes:

1. To pump cooling air through the engine compartment, 2. To provide
additional thrust for engines operating at high nozzle pressure ratios
(usually at Mach numbers greater than 1.4), For subsonic aircraft

ejector nozzles have very little effect on thrust and are only required tc
pump cooling air through the engine compartment. For supersonic aircraft
the ejector not only pumps cooling air but also increases the engine thrust
at low nozzle pressure ratios by decreasing losses due to overexpansion of
the exhaust gasses.
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The secondary tlow effects the thrust of the engina by controlling

the cxpansirn of the primary flow. This effect reflezcts itself in the
nozsle groass thruat coefficliente as ghownm on Figure 7-5. Asx secondary
alrflow lncreasces the nozzle gross thrust coellicient increases. As

the secondary afrvtlow ard the gross thrust coefficlent increase, the
ran drag ol the additional secondary airflow also increases, The net
eftect can be determined by plotting net thro'st versus secondary air-
flow. tor comparlson purposes, the erfect o. secondary airflow on net
thrust has been determined for twe types of convergent—divergent ejector
nozzles employed on the J79 family of ergine. Figure 7-6& is a sketch
of the conical ejector en the J79-8/-15 and Figure 7-6B the guided
expansion nozzle on the J79-10/-17, Flgures 7-7,-8 and-9 presents

the erfects of secondary alrflow at 35,000 feet maximum A/B at Mach

No. = 0.9, 1.6,2.0 Results show that for the conical ejector an iucrease
in sccondary alrflow increases net thrust except at large secondary
ajrilows at M, = 2,0. For the guided expansien nozzle, secondary atr-
fiow decreased net thrust slightly at Mo = 1.6 and 2.0. For a more
detailed explanacion of the differences between the two nozzles, please
refer to Tigure 7-10 which presents the gross thrust coefficlents for
both nozzles. The thrust coefficient for the guided expansion nozzle

is at a higher level thar. the contcal nozzle at zero secondery airflow,
but the thrust increment for increasing secondary airflow is less. The
magnjitude c{ the tvam drag term is greater than the thiust increment for
the guidzd expansion nozzle at the higher Mach numbers. For tnis same
reason the conical nczzle loses performance at high secondary airflows at
Mo = 2.0,

These are enly two examples of ejector nozzles. Nozzle pevformance varies
coustderably with types of nozxle and dimensional relationships so that no
general statement can be made regardirg the effects of secondary airflow
or performance, Each type and configuration of nozzle must be evaluated

individually. A more complete déscriptic. of nozzles is given in Section
8.1,

Egﬁ}ne Compartment Pressure

Incre:zing secondary airflow increasses gross thrust but it alseo

increases tie pressure required to pess the air through the ejector,
Figure 7-11 presents the reguired secondary alrflow pressure ratic across
the nozzle to pump a given quantity of alr. This secondary airflow
pressure has a bursting effect upon the enginc compartment. The

external nressure on the compartment may be slightly higher or lower than

P - e~ P Ay -— e - b vl
aviblent depending upon the flow field arcund rhe aircraft  The delts

pressure between the inside and outside skin of the comjartmert will
be one of th~ design loads tha¢ the conpartment must withetand. 1f the

by




delta pressure becones excessive the compartment may fail, but on

the other hand to design the compartment to withatand all possible
pressure loads would require excessive weight., The engine compartment
should be designed to withstand the pressures for all level flight
conditions for the mission requirements of the alrcraft. For transient
conditions such as a throttle chop or a dive at high speed, a pressure
relief device may be necessary to dump the excess secondary air over-
board in order to maintain the engine compartment pressures within the
structural design limitations. ’ ’

Early in the development of the A-5A ailrcraft, a design study revealed

that under certain transient flight conditions the engine compartment -
pressures would exceed the design pressure of the engine compartwent.

One of these transient conditions was a throttle chep from max A/B power
setting to military power setting at the maximum Mach number guarantee con-
dition., another cordition was a high speed dive at lower altitudes.

At the maximum aircraft Mach number, the engine compartment pressure

varied as the aecondary alrflow modulated gap varied as shown on Figure 7-12,
The engine compartment was destgned for 8 PSID, so the gap setting selection
was 30 in2, This setting was also influenced by inle: sizing conditions
Figure 7-13 presents the engine compartment pressure at this max Mach
condition at the 30 in? gap position for various power gettings. As the
throttle is retarded the pressure increases to a peak at military power,
then decreases to a very low value at idle. Also shown on Figure 7-13

are the pressures at various power settings during a high speed dive at
lower altitudes. For power settings ahove 80% RPM the engine compartment
design pressure will be exceeded.

It was obvlious that some type of pressure relief system must be incorporated
in the engine compartment to dump the excess air overboard. The first
consideration was blow-out panels, However, once the panel blew out, the
aircraft performance would be reduced because of the loss of secoudary
airilow for the ejector nozzle and second, the engine comparimeni probably
would over—temperature. Thig condition dictated that the pressure relief
mechanlsm would have to close after the transient overpressure condition
subsided. Since a throttle chop can occur very rapidly the pressure relief
device must also react rapidly. It was decided to combine the pressure
relief door with the ground cooling door, For ground coolirg operation, an
electrical actuator opens and closes the door in conjunction with the
operation of the landing gear. For presgure relief operationm,the door

is held closed with an overcenter-linked bungee. As the engine compartment
pressure exceede § PSIDL. the do.r moves overcenter and the bungee opens

the deor. As the pressuxe in the compartment drops below € PSID, the
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electrical actuator extenda, grips the door, closes the door, and

resets the bungee. This entire operation requires approximately 30
seconds.

Flight test results have shown excellent results with the prassure
relietf door. The door has opened as predicted during high speed dives
on many occaslous. The steady state presgsure in the engine compartment
have been approximat ly 0.5 psi lower than estimated. This is pro-
bably due to leakage {n the engine compartment. ‘ '

This was an example of one type of engine with one particular secondary
airflow system. Other aircraft with different exhaust nozzles may pose
other types of overpressure problems, The main point to stress here is to
evaluate various flight conditions, both transient and steady state, at
various power settings to determine if an overpressure condition exists.

Estimating Secondary Airflow Quantities

Method of Calculation with Overboard Dump

Airflow through a system can be calculated if the boundary counditioas
are known, such as pressure and temperature, and the flow losses between
the two points. Airflows are calculated from the airflow parameter W JB',

A &g
The airflow parameter is defined by this equatiom:
—_—
Wi Y87 (.59316) (Mach) e 14
A O (1.0 + 0.2 Mach2)(2.993) % Y= %

W = thecretical airflow ~ 1b/sec

6T = T1/518.7 (Total temperature — °R)
A - Area - In2
8T - P1/14.696 (Total pressure - lb/inz)
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The Much oueber it related to the pressure retio by the foliow-
ing equation:

EE = {1.0 + 0.2 Hache)J"S; Y = 1.k
Fg
Pg = Static Pressure

Tables of prespsure roatic and airflow paremeter and airflow
paraneter versus Mach number are presented in Appendix A and E,
respectively.

In the definition of the eirflow parameter, the term Wp was
deflned as the theoreticel alrflow. To calculate the airflow
through an aree at given precsure snd temperature conditions,
the sirflow is & direct funcztion of the area. This will glve
the airflow without any regard to the boundary layer effects.

If the boundary layer effects are ignored, the calculations will
be the theoretical alrflow that can flow through the aree. The
actual alrflow w 1) be less due to the boundary layer effects.
The ratio of the actuel flow to the theoretical flow is defined
as the flow coefficient (X).

K =¥
Wp
Wp = Actuel eirflow

i1

Wr = Theoretisel airilow
By substituting the sctuel sirflow for the theoretical airflow
in the ali flow parameter:

Y on
Wy Yen

= f (Mach
o (Mach)

The flow coefficient (K) is usually determined by experimeutal
means. Dets ave available Iin the literature for K values for
orifices, venturi tubes, ete., and for overboard dumps which
will be discugsed iu deteill in subsection 7.5.4, but for many
cases the K factor must be estimated fram a similar configuration
vhere data are avallable or a lab test must be obtained to obtain
the X factors.
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- equal to the compartment pressure (Pr

To 1llustrate the nethod of estimating secondary eirflow, the
sketch of a secondery ajirflow campartment,as shown on Figure
T-1h,will be analyzed. 'The flow coefficient for the two aress
{AG,AD) will be assumed to be 1.0 for this example. The known
boundary contitions are the cotpressor face total ard static
pressure, the total tempereture, the flow ereas, and the ambient
pressure ut the exit.

There are twe unknowns, the secondary airflov (Wg) snd the
secondery alrtlow compertment pressure. Thls requires an
iteration process to solve for the two unknowns., The best
method is to assume values of Pp. and solve for the alrflow

at the entrance and the exit. Tﬁe airflow cen be plotted versus
Ppe and where the two lines cross, both emtrence and exit condi-
tions will be satisfied.

First, consider the entrance to the compariment. The total
and statin pressure must be knowr in the gep {Ag) in order to
celculate the airflow., Unless experimental data are available,
P, can be estimated by assuming that PPc equai the steatic
pressure in the duct (Psy). This is a good essumpiicn and
amounts to a 1 q loss in total pressure from the duct to the
¢ap. The tem q is the compressibls dynamic presaure:

q=1FPr-Fg

Ascuming the velocity of the secondary airflow ln the compartment
i such tha* the total pressure in the eompartment is approximately
equal to the static pressure Pgg, the %ap stetic pressure (Pg ) is

g). This is valid becuuse
the stati~ pressure in a duct with subsonic flow entering a plenuvm
chamber mist equal the pressure in the plenum chamber. By assuming
various velues of Prg,the flow through the gap can be celeulated
by means of the airflow perameter for each velue of Prg. The
total temperature is constant, since essentially no heat 1s added
or lost by the secondery airfiow at this point., For this example
there will be no loss in the sacondary alrflow compartment presswie
from the entrance to the exit, but i1 there ware any restrictions
in the pascsage, the pressure loss could te estimated and the Pig
value reduced at the exit. &t the exit Ppg will be the total pressure
(PTp) and the static pressure (Psp) will be egual to the amdient pressure
(Py) since the air 1s dumping into a "-lenum” chamier. Exit sirflows
can be celculated for various secondary compsriment pressures.

_— ~ ~ . A _— . 4 o meedhenmmma ek - maman S arcesa i O
Lhe vajues o1l wirfics Tor¥ the entvrance ax €xil arcas versus O

o2
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can be plctted and the actual airflow deteimined., The follow-
ing is n typlcal caleculation of & giver flight condition:

Mach = 0.5; 20,000 £t.; Stenderd Dey
Po = 6.75 psia Prg = 1142 psia Tp_ = 519.5 °R Joro = 1.001
Fressure Recovery = .98 Ppp = (.98)(Pr,) = 11.19
AG = 20 ir® Ap = 30 ir?
Assume Mach number in ducl = Q.b
From isentropic flow thecry for Mayet = 0.h
Pro/Psp = L1M7 Pg, = 11.19/1.117 = 10.02

Py = By, = 10.02 Psg = Pra

hel

Assume Yo then:

By Bp./? wve
s Bps/ Psg ¥ A o
9 psia 10.02/9 = 1,113 .59k .213
8 26.02/8 = 1,253 .STT .282
7 10.02/7 = 1.431 T34 -320
ACRY Py 1
o[ he) (2] [ ]
0*}‘. . ill.'?' ‘/-QTO
Hence:
PI'S WG
9 (.213)(20)(10.02/14.7){1/1.001) = 2.90 1b/sec
8 (.2823(20){10.0:2/'1!-;.'7g(1/1.001) = 3.84
7 {.320){20)(20.02/1k.7){1/1.001) = 4,35

A% vhe exit sssume the air tempersture increased 50°
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TTD

519.9 + 30 = 569.9 yeTp = ggg:g = 1.048

Prp = Prg Fsp = Pg = 6.75

Assume PT0 then:

- Prn/Ps wye
Pry p/Psp M e

9 9/6.75 = 1.33° .65b 303

8 8/6.75 = 1.18% 498 255

7 7/6.75 = 1.037 228 131
So thet:

Prg ¥p

g 303)(50)§9/1h 7;( EB) = 5.31

8  (.255)(30)(8/1k = 3.97

7 (L512)(30) (7/14.7) " = L.T9

Figure 7-15 presents @ plot of the gap alrflow and the exit wir-
flow versus secondary alrflow total pressure. The tw lines
croos at 8 secanéary airflow nf 3.9 lb/sec and a prescure of
7.9% vsia. At this poiut the gap and exit airflovw mstch end
this will te the secondary eirflow for this perticular flight
conditicon and configuration. By varying gap erd exit &rea,
varivus combinstions cof secondary airflow and presswre can be
obtelned.

Method of Calculation vith Flow Thrmggh Coﬂurtment

The method of celculating secondary airflowa for a flow through
compartment. can apply to both the RA-5C type vhere Yhe secondary
airflow is obtainnd from & gap at ithe engine fece or the sir can
be obtained through an externsl scoop as shown for the aft
campartment of the T~ZB.

The method of culculsting eecaudary airflows with & flow through
compsrtment is very similar to the method presented in the pre-~
vious swsection,with the exception that instesd of an overvoard
dump, %hore is an ejector nozzle. The Tlov cepsbiiily of the
nozzle {s obtained fram the pumping characteristics discussed

7=10
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previously. By assuming various values of Pps, the secondary
ajrflows can be calculated for any particular flight condition.
The gap «irflows can be calculated as presented in the previous
suhgect ion and both airflows plotted versus PTS and the match
point. determined,

For the RA-SC, it was decided to construct a 0.25 scale model

and mensure the pressure losses through the engine compartment.
Two scbs of losses were recorded. One set was fram the inlet

duct total pressure at the compressor face to the secondary air
modulating gap. The other set was from the secom ary gap total
pressure to the nozzle inlet total pressure. The average pressure
loss from the inlet duct to the gap was 5¢. The pressure loss
from the gap Lo the nozzle was mainly the result of the sudden
expansion from the gap into the secondary compartment, and there
was very little loss through the engine compartment itself. Assum-
ing a one "g¢" loss from the gap to the engine compartment and no
losses in the engine compartment will give essentially the same
result as thet measured on the model.

From the model datas and the performence of the elector the
secondary airflow can be calculated for various gap settings
and enginc power settings. Filgure 7-16 presents secondary air-
flows versus gap erea at given Mach numbers at max A/B power
settings for the RA-5C.

For ground and low speed flight conditimms, the ground cooling
door is opencd and cooling air is taken aboard through the door,
with part of the air going forward through the gap into the
inlet duct - the remeining alr going aft through the ejector
nozzle a8 shown on Figure T7-17. Forthis case the cooling door
flow must equal both the gap flow and the nozzle flow. The
methed s similer to the previously discussed method. Varicus
values of Ppg are assumed and the flows calculated and plctued.
The total pressure of the air flowling through the dcor will be
equal to ambient pressure (P ). Tue static pressurz will be
equal to PTg since the flow 1& not choted at the door. At the
gap, the total pressure is equal to Pps and the static pressure

1g equal to the inlet duct static pressvre. The nozzle flow is
calculated from the nozzle pumping curves for each value of Prg.
Figure 7-18 presents the ground cooling door airflow, the gap
airflow, the nozzle airflow and the total of gap and nozzle

versus secondary sailrfilow pressure., Where the door airflow and
the totael of the gap and nozzle airflow cross is the path point.
The door flow is 29.4 1b/sec, and the secondary pressure 1s 13.3.
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Reading the gap flow curve and nozzle flow curve at Prg = 13.3
gives 19.7 and 9.7 1b/sec flow, respectively,

Py

Fugine Compurtment Bursting 5

In the courte of calculating secondary airflows, the secondery
airflow pressure in the engine compartment ie also calculated.
From aerodynamic date the pressure coefficlents on the externsl
surfuce of the englne compartment can be obtained and the external
static pressure determined. The differentisl between the internal
pressure and the externsl pressure will be the bursting load of
the engine compartment. The engine compartment is designed to
withstand a given load and the bursting pressures must not exceed
thiis value. Flgure 7-19 presepnts the differential across the
engine comparument for various gap settings and Mach numbers at
mex A/B power setting for the RA-5C. The design pressure is

8.0 psid; therefore at higher Mach numbers the gap ares must be
limited or the design pressure will be exceeded.

For conditions where the design pressure 1s exceeded the pressure
relief door opens and the pressure is decreased. The gquestion then
arises as to what size pressure relief door is required? For
most cases for the RA-S5C the secondary alrflow gap le choked when
the pressure relief door is required to open. When the gap is
choked, & constant secondary airflow is flowing into the engine
canpartment regardless of the compartment pressure. Assuming
values of secondary pressure (PTg), the nozzle flow and the door
flow can be calculated end plotted versus Prg 10 determine at
what value of PTg the pressure relief door flow and the nozzlc
flow match the gep flow. This will be the englne campartment
internal pressure, If the differentlal pressure is above the
design pressure, a largerpessure relief door i1s required.

The mest important item to consider in these celculations is
the flow coefficient for the pressure relief dcor. For supersonic
flight the flow coefficient could be consderably reduced, which
would then require a larger door opening to reduce the engine
compartunent pressures. The following subsection will present

flow coefficients for the RA-5C pressure relief door.

Overtoard Exits

Tnis discussion of the flow coefficlent and the thrust performsnce
fa

of overboard exits eppliesm:’. caly to secondary sirflov comrartment
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exits but also to any other airflow exit required on the

aircraft, such as heat exchanger cooling airflows, ramp boundary
layer bleed airflows, etec. Refereaces 1 through 4 present
periormance Gats for overboard exits for various Lypes of exits
apd flow conditions. A dlscussion of the results of these reports
v e presented herein.

The airflow through an overboard exit is generally calculated

from the total pressure in the exit and the ambicnt pressure at

the given aircraft altitude. From this pressure retio the Mach
number can be determined and hence the airflow parameter and the
actual airflow. However, the interacticn of the exit airflow vith
the free stream sirflow may cause a static pressure risc st the
exit. The actual pressure ratio will be less than the assumed ratio
and the actual airflow will be less than the theoretical calculated
value. The flow ccefficient (K) is nct only influenced by the
boundary lsyer effects but also by the static pressure rise due to
the interaction of the two mixing streams. Figure T-20 presents a
sketch of this interaction of the free stream air with the exit

air in supersonic flow.

Fioures T~21 through 7-24 present the sonic flow coefficient and the
thrust coefficient for four flush exits with varying exhaust angles.
The sonic flow coefficient 1s very similar to the flow coefficient
previously defined in this lecture except that the actual flow is
references to the maximum theoreticel sonic flow which would pass
through the exit area at the same pressure and total tempereture.
For pressure ratios greater than 1.893, the sonic flow ccefficient
is identical to the flow coefficient (K) defined in this lecture.
The thrust coefficlent is defined us the actuel thrust of the exit
air divided by the isentropic thrust of the air at the same
pressuresand temperature.

From these figures, it 1is readily apparent that the flcw coeffici-
ent is independent of pressure ratio and free-strecem Moch number
sbove pressure ratios of approximately 3.0. Unfortunately, most
of the alr dumped overvoard from an aireraft is usually at a low
pressure level and the flow coefficienls in this range have con-
siderable scatter and poor accuracy.

The thrust coefficients show the best performance at the shallower
discharge angles which is what would be normelly expected,
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Reterence 3 presents a performence comparison between flush and
shielded inlets. A sketch of the two types of exits 18 shown

on Figuare 7-2%. A thrust comparison of the two exits i1s pre-
svnted on Figure 7-26, The shielded exit has better performance
than the flush exit at supersonic Mach numbers, Some unpublished
tost wark pertformed in the Thermo Lab at North American severel years
ago  indicated that shielded exits had very high flow coeffici-
ent.s. This ecan he expected because there is very little inter-
g:ticn between the exit stream &nd the free stream. For no exit
tlow the pressure at the exit will be reduced below ambient.

It is pussible under same subsonic flow conditione to actually
lave a {low coefficient greater than cone because the external
ctatis pressure is below amblent.

t is very difficult to find good data for performance and flow
coefricieats for overboerd exits for a complete range of
Mach pumters and exit pressure ratios.

Whea the pressure door problem cemeslong on the RA=5C, it was
decided that sufficient date were not svallable to accurately
predict the flow coefficients for the pressure relief door.

The pressure relief door extended into the alr stream as shown

on Figure 7-27. The additional shock waves ganerated by the door
complicated the flow field at the exit so that it'was very difficult
to predict the flow coefficlent. The thrust or drag produced when
the door was open was of no concern since the door would only be
open during transient flight conditions,

A lab test was initiated to measure the flow ccefficients of this
type of exlit in a supersonic stream. The results of this test

are presented on Figure 7-28, The maximum flow coefficients are
approximately 0.8 at pressure ratios of 4. The flow coefficients
presented on Figures 7-21 through 7-24 were approximately 0.95 st

a pressure ratio of 4. Apparently the addition of the door in the
exit stream created additional shock waves and incressed the static

i
pressure at the exit, thereby decreessing the flow coefficient.

Secondary Airflow Losses

Inlets and Diffusers

About the same components compose each of the miscellaneous systems.
Each has an inlet. It could be a perforated plate, & ram air scoop,
or a {lush inlet. Variatlons exist in aach major category. Ram air
scoops mry be submerged inm the boundary layer or exposed to free
stream. The flush inlets could be slote or NACA submerged inlets.

T=14
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7.6.1.1

Flush Inlet losses

Flush inlets may take the form of perforations, flush holes or

slots, and inclired holes or slots. Perforations have low flow
coefficicnts ard a large number of holes may be necessary to hleed off
the boundary layer air. To stabilize a normal shock, the boundary
layer air should be bled aliead and downstream of the shock. A

perous bleed system lends itself well to this requirement. Airflow

is low, as is the bleed air pressure recovery. However, many boundary
layer bleed systems utilize this method of removing the low encrgy
air.

In designing a porous surface removal system, pressure Jdrop across

the material and flow rate are the quantities of interest. Usually,
the free-stream boundary layer is being removed from flows parallel

to the porous plate. This results in a reduction in the f{low coeffi-
cient of the holes in the surface. It is convenient to utilize normal
flow data by modifying the porosity of the plate to account for the
reduction in flow coefficient. A correlation of the existing porous
material flow characteristics has been accomplished in Reference 5 ,
Figure 7-27 shows the correlation of various data for flow normal to

a porous plate. The data for the cuxrves was taken from References
13 through 15. The equation governing the flow for ncle aspect ratios
of .64 and greater is shown on the plot. Since this is for flow normal
to the plate, another correlation is required to determine th effect
of flow parallel to the plate. The equations allowing the correlation
are stated below.

L
oA L AP o
22 = 14 (.0562 == 4+ 2289 == - £ (0,)}(y) Dh 7
0o Dh Po o)/ (o) (7.1)
where: g(.E_) - l-461~.8948( E_) + 3169 (E_) ‘ (7.2)
Dy Pn Dy
2
and f(co) = .3978 + 2.561l0, - 6.352 %y (7.3

The last two equations are plotted in Figure 7-30.
The above equations are valid in the following tanges:

2 1.4

o .20
)

L/Dy 2 2.5

0<

MO
.02 2

1A
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The nomenciature is described in Figure 7-31.

1f the porous material is used in an area where the Mach number
changes, the arca should be broken dowa inte stripe and averuge

properties used over that area.

Figure 7-32 illustrates the method of obtaining the flov characteristics
as a function ot porosity. A nuwber of Mach numbers would £111 out the
spectrum for the complete alrcraft eavelope. The minimum loss would be
selected, At some critical mission condition, the porosity would be
chosen to minimize the losses.

An example of the use of the equations and curves follows. Asgume a
bleed flow. Compute (W V@ZL)/(SO Ay) from the Mach number along

the surface and the average properties of the stream., Assume a liole
aspect ratio L/Dp = 1 for this example and assume a corrected bleed
flow rate of .1. Using equaticn (7.1) and Figure 7-2, compute 0gz/0, for
various values of O, and P/Po. Plot the results as shown in the
upper portion of Figure 7-32. Then,using the equation shown on Figure
7-29, calculate 0y for several values of &P/Pg versus Jg

— x1 2
W etO -&; / AP AP
—— = .3049 — -~ .2591 ;"
Soho Py e}

for the given airflow and Mach number. Repeat the above until a map of
Mach numbers and/or weight flows are covered and then choose the best
compromise for the ailrcraft.

If one is asked to evaluate a given system, the following procedure

is recommended. Choose the conditions and determine the Mach number,

M,. From the design, determine the porosity (o,) and the hcle aspect
ratio (L/Dp). Determine £ {(o,) and g (L/Dh) from ¥igure 7-31, Subsiituie
the values in Equation(7.1)., This results in an equation agg = f£.(4P/Pg)
Assume a 0y, and solve for AP/P,. Choose a typical value of bleed flow
from the table below.

TABLE I
Inlet Type ] W1 /Mpuet
External Compression | 3 - 5%
Mixed Compression 6 - 8%
10 - 12% (if higher recovery desired)
All Internal Compresaion (25 - 30%)

(Pitot Type)




Calculate {Wpj /bto)/ﬁo A,) and divide by the assumed ¢,. Find

the value of the corrected weight flow on the abscissa of Figure

7-20 2nd determine the loss through the porous plate on the ordinate.

Compare this value with the cne previously assumed. Iterate until

a AP/P,, is found that satisfies both conditions, Using the methods

descrited later, the exiting momentum and drag will be determined,
7.6.1.2 Flush Sliots

Perforalions have poor flow cuefficlents in supersonic {low and
requir- a large number of holes itc blced the required airflow. A
flush slot can bleed moderate amcants of air with good bleed pressure
recnvery. The bleed arca requirement is much less for the flush slot.

In general, for flush inlets, the inclication cof the inlet axis with

the surface is the major geomatric parameter influencing recovery,

Smaller angles with respect to the surface, offer superior performance.
For low mass flow ratios, an NACA submerged inlet offers improved recover-—
ies. Deep, natrow inlets have lower drag than wide shallow ones at Mach
numbers greater than .9, but at lower Mach numbers the wider inlets

prove superior, The width to depth ratio affeczs the performance of
inlets by allowing more high energy air to enter with the low width to
depth inlets. Both pressure recovery and mass flow will increase.

Figures 7-33 through 7-43 are typlcal performance parameters for flush
slots at varying angles of inclination. Both Mach number and mass-
flow-ratio affect the performance of the inlets. Yigures 7-44,-45
show similar parameters for an NACA type submerged inlet., The initial
ramp is 79 and the sides diverge to meet the inlet, Included also are
drag coefficients based upon freestream q and inlet aves for each
configuration.

Figure 7-46 presents the inlet area required for equal mass flow and
drag for various ramp inclination angles. The principle effect of
emall dnitial dneclination of the ramp ig to reduce the inlet area

required significantly.

In the analysis of flush inlets, the total pressure recovery is used
instead of the static pressure drop as 1in the perforated plates. With
flush inlets, the area is large enough to allow turning the flow and
improving ithe pressure recovery.

Reference 7 shows the effezts of yawing rhe arxis of the fiush inlet
on inlet performance. Needless to say, the axis of the inlet should
be aligned with the flow direction for maximum performance.




Having the mass flow and pressurz recovery characteristics of a flugh
inlet, an iterative process utilizing the flcw elesants of the remainder
of the system is required to size the inlet. This will bhe 7llustxated
in an axawple laier.

7.6.1.3 Ram Scoops

Ram scoops have good recovery, but they are rather inflexitle, A
ram scoop ie another inlet aad must be sized properly, =rtherwise it
will spill and separate boundary layer ahead of it.. Good recovery is
obtained from it however, ard flow area can b2 minimized using it.

With this type of inlet, a theoretical approach for analysis is avali-
able from Reference 8. The position of the scoop with respect to

the boundary layer determines the maximum theoretical pressure recovery
poasible. A scoop in the boundary may be analyzed utilizing the curves
shown in Figures 7-47 through 7-50 taken frem Reference 7. The figures
choun are for a boundary layer profile that follows the 1/7 power law
u/U-(y/&)Af . This approximation will serve for most applications and will
be within ¥ 5% accuracy.

Steps are outlined below in the design or evaluation of a boundary
layer scoop. The boundary layer thickness must first be calculated.
The equation commonly used for computing a turbulent boundary layer is:

0.2
6/x = 0.376/(Rex)

where Rgox = Surface Reynolds Number

The length of the body to the station is used for the length. This gives
a boundary layer thicker than actual, but 17 sufficiently sccurste for
analysis of the inluot. PForebody sghape and initial laminar flow would
reduce the thickness, bui these refiinements are nst aatessary for this
application, From the design conditicns, the Mach number and scoop
height are obtained. The scoop height to boundary layer thicknees ratio
is computed and Figures 7-47 through 7-50 are entered for boundary mass -~
flow-ratio, momentum ratio, and pressure recovery. For a boundary layer
scoop of height equal to the boundary layer at a Mach = 2,0, the maximum
theoretical mass that can be captured is 76% of what is available in an
equal area in tne free stream. The maximum recovery is 51.8&% of free- i
stream total preasure. These are theoretical values based wupon a 1/7 }
law velocity profile. Reference 9 is a test of s submerged and ram scoop
inlet in a relatively thick boundary iayer (r/8 = 1.0) (Figure 7-51).

The recovery at Mach = 2. was 28% at the ~ritical mass-flow-ratio,

Figure 7-52. The maximum mass flow the inlet could pass was 52% of

that available in the free-stream of the same area. 7The theoretical
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7.7.1

values were couputed for a 1/7 velocity profile boundary layer, however
Feference 10 Indicates that the profiles may vary from 1/11 vo 1/5 and
even be laminar without a discrepancy of more than 2% in total re-
covery.

The actual scoop performance is seen to be inferior to the theoretical.
An approach to the design of boundary layer ram scoop would be, first,
to determine the mass flow znd recovery thecreticaily. Secend, the
recovery amul mass-flow-ratio can be modified by ratios formed from

the data of Figures 7-51 and 7-52. These ratios are shown in Figures
7-53 and 7-54 for r/8 = 1. These data should be valid for scoop heights
in the range of r/¢ = .8 to 1.5. For scoops of smaller r/§, the data
presented may be optimistic and wind tunnel data of the particular
design should he obtained. The modified data represents the performance
that can be expected from an actual boundary layer inlet.

Heat Exchanger Drag

Miscellaneous drag systems can each be viewed as wminiature propulsion
systems. Each has an inlet, diffuser, energy change and exit. The
propulsion system increases the energy of the working fluid, the
other systems reduce the energy. With a heat exchanger in the circuit,

" there 1s an addition of energy to the system in the form of heat and a2

pressure loss through the heat exchanger core, The net effect is a loss,
but the off-setting effect of heat addition must be considered in the
analysis.

Keat Exchanger Tvpes

In general, the addition of neat to the working fluid is accomplished

by extended surfaces of some nature. Most common heat exchanger designs
are tubular and plate fin. The tubular heat exchanger provides less res-
striction on the cooling air side and allows higher cooling air flow than
a plate fin heat exchanger. Where sufficient pressure drop is availlable,
a plate fin heat exchanger is more effective because more heat transfer
gsurface is provided.

Examples of heat exchanger use include oil coolers used on engine
lubrication systems and primary and secondary heat exchangers for

cabin and avionics conditioning systems. Most critical operating condi-
tions for the heat exchanger are chosen for sizing the surface and duct-
ing components. An air oll cooler for a turboprop power plant would be
sizad for ground nperation at idle speed. For a supersonic aircraft
other critical operating conditions exist. In maximum afterburning

at high speed, fuel is used for a heat sink. For overload conditions,
an auxiliary air oil cooler mus: be used. The cooling mediun, however,
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ic at high temperature and the heat aichange surfaces tend to get
large in order to reject the hect. ¥Yox s hot day sea level loiter,
the pressure head avajlable for eoccling is wiall and the cooling
air temperature high. This prehblem ie sometimes aolved by utilizing
a jet ejector pump to asspirate air through the heat exchanger core.
There are many examples of heat exchanger usa. The loasses are
generally charged against the propulsion syetem.

Heat Exchanger Drag Estimation

The drag of the heat exchangcr system must include the loss characteris-
ti 8 of all the components. For heat exchangers curves of the type
shown in Figures 7-55 and 7-56 are necessary. Usually the cabin ox
avionics heat rejection ia known. The effectivity curves (Figure 7-55)
are entered and a heat balance struck between the two fluids. The
average temperature and peessure in the core determine the pressure

loss through the heat exchanger (Figure 7-56).

An example of the use of the curves is shown below:

Alcitude = 50,000 feet Hot Day
Bleed Air Temperature = 31370°R

Bleed Air Pressure = 80 PSIA

Ambient Air Tempergture = 421°R (-32°F)
Ram Air Temperature = 710°R (250°F)

Heat exchanger cooling air

Inlet total pressure = 9.9 PSIA (20,2" Hg)
Outlet static pressure = 2,5 PSIA
Distance to inlet from lip = 100 inches
Duct Mach No. = .55

Inlet Dimensions = 5 inch deep x & in wide
Duct Kaynolds No. = 107

The heat exchangetr inlet is & slot in the duct at an angle of 15°
from the duct surface., From Figures 7-33 obtain the total pressure
recovery (.92). Calculate the boundary layer thickness from

176 . 376
8/x = 2= 2 ; 8o that & = 100 |==—=— 2|= 3.76
(Rex)O... ? (105) -2
aud ©/6 = .8, The /¢ Figure 7-32 are on the order of 1.4, Thie

~ 4
3 3 e oSl - nal
e .

& mwn
total pressure recovery must modified by the data of Figure 7-50
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[PtZ/P1“] modified 'ﬁ?tz/PtJ (from Figure 7~33{;££) ]
to! r/é=.8

Py2 -
("'L““) ;where PtZ/PtQ = _'12_5_'2_5—2 =

» 'qo
Prod rfo=l.4 .97

The mass {low is taken to be critical and is modified in a similar
calculation to that for pressure recovery using Figure 7-47,

1.02 (.845)
n/mg=(n/m,) // 8=l 4= - 70 o
/mg=(m/m, Figure 7-33 (m/mg) /' (m/my) r/8=1.4 o5
where m - mass flow
o - free stream conditions

{1 -~ inlet conditions

A curve of pressure drop through the heat exchanger is now devised.
Assume that the engine bleed flow is known to be 40#/min. Set up
the following table:

: _ t
Whleed wcoollng 3 LBleed ‘cool At Q “fpleed bleed At0201‘
#/Min  #Min in in out ng
40 40 .77 1370°  710°r 660°F 2032 211 F 1160°R 211°F
40 60 .875  1370°R  710°R 660°F 2310 240 1130 160
40 80 .93 13709k 710°R 660CF 2455 255 1115 128
45 100 .96 1370°R  7109R 6600F 2534 264 1106 106
4 120 .975  1370°R  7109R 660°F 2574 268 1102 89
OAP AP (Y,
"cooling teool tavg _( 8)
40 920°R 815°R  3"H20 .5 “Hg
60 870 790 7 1.24
80 838 776 13 2.2
100 816 763 20 3.5
120 799 755 28 5.1
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The following ejuations ware utilized in the calculations above.

Q= (W Cp) (amallest £) (tl in - t2 in)

o = 17.35 CAYE (P in "Hg)
Tavg (T in ©R)
17.35 Pavg (17.35) (Py, - 2—")(13.6)

actual heat transfer
meximum possible heat transfer

¢ » effectiveness =

The actual heat tranesfer may be computed by calculating the energy
lost by the hot fluid or the energy gained by the ccld fluid. The
fluid that undergoes the most tempcrature change has a minimum value
of (W Cp) and is the one used to compute the heat transferred, This
is evident since the heat absorbed by one fluid must equal the heat
rejected by the other.

The results of the above Table are plotted on Figure 7-57. A short

cut to the above method would be to compute only ome of the peoints,

plot it on log-log paper and construct a line with slope = 2, This

will produce the typical loss curve shown. The pressure is known at

the inlet and asuppose there ia a diffuser of Az/A] of 2 immediately

aft of the flush inlet. Having determined the total pressure recovery

and mass flow at the inlet station, a corrected weight flow is now computed
at that point assuming the maximum mass flow.

Following is an iterative method of matching the alr flow through
the syscem chiosen for this example.

- I
W. ve, .
For M, = .55; the corrected airflow parameter 3;__L_32_ = .2735
to A :
Al = 24 in2

ok = 9.9/14.7 = 673

o = V7107579 = 1.17

Vg = .2735x24x.673 3.77 #/sec.
1.17

=22

| b,

s i Ll
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n/mg = .96 (Figure 7-47)

Mget ~ ,96x3.77 = 3.62 = wi = 218 lb/min
Pes/ri, = 0.9

Peg = (.9)(9.9) = 8.9 psi éti = 8.9/14,7 = .605

Wg g (3.62) (1.17)

- .292
.€05 (24
6 Ay ( (24)

Mg = .611, Py = 1,286, P4 = 8.9/1.286 = 6.92 psi

qi = .7 PM2 = (L17) (6.92) (.611)2 = 1.81 psi

The next step is to determine the losses in the diffuser. The con~
figuration looks like & 60C transition bend and a loss coefficient
may be determined from daeta presented in Reference (11).

A AP¢/q = 0.8 is calculated

Py = (1.81)(0.8) = 1,45

Ptln = 8.9-1.45 = 7.45 psi Ty = 7.45/14.7 = .506

Win YOpqn _ 3.62)(1.17) My, = 0312, Pp,_/Pin = 1,07
84p A (.506) (48)
in Pin = 6.96

From Figure 7-57 at 218 lb/min airflow, a Pg of 18" Hg. 1is read.

P = 8.84 psi

Psout = 6,98-8.84 = -2 psi
This does not match the exit condition of 2.5 psi. It means the initial
estimate of maximum airflow is not correct. The mass flow is now reduced

and the above procedure repeated until the mass flow selected produces a
pressure that matches the exit conditions.

et sl it s s e,
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7.9

The exit momentum is now determined. The exit is a 13° slot., From
Figure 7-57 a velocity coefficient aud flow coefficlent are foumd.
Kuowing the masa flowing throvgh the esvetem deatermining the total
pressure at the exit, and having the exit area and temperature, the

exir mass flow parameter is found. This is matched against the data
of Section 7.5.

A better approach to this inlet, heat exchanger, exit matching problem
15 to begin with a number of flows through the system solving for the
logses and an exit area, By plotting the cooling flows agzinst the exit
area, one is able to enter the curve with the known exit area and find
the cooling airflow, The exit momentum is found from the figures of
Section 7.5. '

This term is recovered momentum that is added to the thrust of the
aircraft. A series of these recovery values for a typical mission
are found and plotted against Mach number. This generalization is
then used for other portions cf the envelope.

Aux’liary Cooling Drag

The devices include this section are those that have no pulisghed

loss curves readily ....lable from a manufacturer. Additional cooling
scoops auch as those xequired for cooling genexators o:r compariments

add very little energy to the exiting straam. Usually the iosses agsociated
with these auxiliary openings are small compared with the net propulsive
effert. The conventional wethod of estimating the losses is to assume a
total momentum lugs from the free stream condition to the exlt. For
example, the T~2B has a lateral firewall across tha engine bay that separates
the compressor from the burner compartment, Air for cooling the bummer

area 1s introduced to the bay with ram scoops that extend out into the

free stream, The lcsses are calculated to be the total momentum of the
entering stream ( W V). Air flow (W) is calculated from the air flow

g
parameter (W, v8)/(§/A), the airplanc free stream conditions and the
physical area of the scoop. The losses are higher than actual, but
corrections would unduly complicate the procedure. For generator cooling,
a similar calculation to that outlined in the heat exchanger section will
have to be followed to check for adequate generator cooling. However, for
the drag estimation, the total inlet momentum is considered lost.

Boundary Layer Bleed Drag

Boundary layer that has accumulated on inlet surfaces must be removed
to provide optimum pregsure recovery for maximum thruit and maximum inlet
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stability. Three methods of removing the boundary laycer are commwonly
used, The perforated plate, flush scoop, and ram scoop. Each of

these inlet types have beer discrased previously. A means of estimating
the pressure recovery and mosa fiow has been devised., Hinimizing the
losses through the system is the mair problem. The A-5A originally

had porous-vamps tc remove the boundary layer growth aloug the inlet
surfaces. Several problems arvse. The holes were difficult to drill
becauoe each was centered in the middle of a honeycomb dackup structure.
The holes could not be protectively coated-after machining. and corroded
after service use., The costr was high. The tirst moveable ramp had a
poroasity of about 10X. Typical bleed rates are shown on Figure 7-38.
The effect upon recovery is shown on Figure 7-59, The flow emptied
inteo a chamber behind the ramp and was compartmentized from the othex
blead arecas. The flow exited through a 157 flush exit. The boundary
layer bleed drag is the momentum change of the bleed air through the
system, The incoming momentum was accounted for in the inlet ram drag
by increasing the aivflow by the bleed pervcentege.

We v WRE EL Wix e |
Frap = =~ '°| 1+ LZBLEED , WX iazru‘t
& Ve We We J

To analyze the boundary layer bleed system an item by item loss analysis
determines the pressure drop to the exit. Since the mass is known a
corrected weight flow parameter may be computed. From the pressure
ratlio st the exit, flow and velocity coefficlents may be determined and
the exit momentum calculated. The recovered momentum in the flight
direction 3s added to the aircraft thrust.

The problems mentioned before for the perforatec¢ ramps forced the sub-
stitution of slotted ramps for the perforatiuns on c¢he RA-5C. Both
boundary layer bleed systems have performed well, however, the slotted
ramps are easfer to manufacture. An example of the method analysis for
the boundary bleed drag follows. Assume a flight condition such as Msach
1.8, 35,000 feet, and standard atmosphere. Fixed first ramp is 8.5°
second movable ramp is at 14°. Second ramp Mach number is approximstely
1.3. The slot is 50 inches behind the lcading edge. The boundary layer
is calculated to be .50 inches. The throat height for the slot is 1.0
inch and r/§ 1s therefore 2.0. The slot is at an angle of about 3i°.
From the curves on Figure 7-35, one obtains the total pressure rccovery.
The recovery is modiffed by the recovery values of Figure 7-50. The
recovery is .44 x .87 ¢ 83 = .46. The mass flow ratio is .43 and must
be modified by rthe /6 rarios for the different boundary layers m/mge=.438).
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The free atream corrected alrflow ie modified by the recovery and
mass flow factors.

o Yo e /1 .
e To At/ Fo = / Ti Ai

\ /corrected corrected

v, o7 .
w0 that 1 4 sy |,

6Ty Aq (.46)
Given Ag= 20 487, ey = 112 Sty = .62

W AT Ay &

then W %———21 L Ti)- 3.46 1bs/sec

and from isentropic tables the slot entrance Mach number is found to
be:

M, = ,702

Determine qj:

a = % Poratic M.2 = .7(6.46)(.702)%= 2.23 1b/in?

The dumping loss from refererce (11) 1s romputed assuming total loss
ol q.

= 1.0 80 4% = 2,23 = 6.74 lbs/in2

o |5

so that bleed air tatal pressure is:

Pr, = Py [ob |- 0 w 8.97-2.23 = 6.74 1b /in?
2 IO PTO » P . 8

The internal total to exit static pressure ratio is formed again and

the flow coefficient determined. The air flow that the exit can pass 1s
determined from the figures in Section 7.5 on exits. For a 15° exit angle
Figure 7-57 is used. The flow coefficicut is .93 and the maximum flow
(choked conditions) that can pass is 2.6, The exit flow is less than was
assumed for the inlet conditions. The inlet flow now must be modified and
the process repeated until the exit flow matches that assumed for the inlet.
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Boundary Layer Diverter

Sizing Considerations

In the final design phases of a configuration study, the boundary layer
thickness must be determined and the boumdary laver diverter sized. The
results of a study (Reference 12), have yielded an accureste means of
determining the boundary layer thickness on bodies of revclution. The
pertinent equations are shown below.

§* = 0475 (]+.35M02) St_
(1+.176402) " (Re) 0+ 2

Where §; = equivalent flat plate distance from origin of the turbulent
flow to the point in gquestion.

PV -
Reot = (-U—) St
[¢]

Rearranging the equation above

_ 0.8 . 0.8

St St
¢ 000 T2 SO A lcm-(——)“rrz

b o 6*8 '

vhere &7/8*% is shown on Figure 7-62
¢1(M) is shown on Figure 7-63
(pV/p) :E shown on Plgure 7-6%

St is de;ermined from Figure 7-65

The distance Sy is determined by finding the transition point surface
location S¢y and subtracting this from the total surface length S to the
point in question, then S¢ = S-Sty and S¢; = Repy/(oV/w),. The transi-
tion Reynolds number (Re,,) 1s shown in Figure 7-65. When St 1s calculgted,
it must be modified to reﬁuce St to its equivalent flat plate distance Sg.
This modifier accounts for the thinning out of the boundary layer on fore-
bodies where the cross sactionel arsa is increacing in the demetream
direction. The forebody may be divided into about 2 cone frustrums and

the equivalent flat plate surface length determined from Figure 7-65.
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An approxinate method that yields a conservative houndary layer thick-
ness is to assume complete turbulent flow from the nose of tiie forebody
to the inlet and coneiders it a flat plate., The common expression

0.2
§/» = .376/(Re)

yielda the beoundary layer thickness. It has been industry practice to

remove 702 of the boundary layer determined by the above expression by

a boundary diverter. With the more exact expression, it is recommended
that all the boundary layer be removed.

Other design parameters that irfluerce the diverter drag are the wetted
area of che gystem, the deflection angles in the diverter and the
divergence angle of the passage. Design criteria for diverter systems

is found in keference 16). In brief, the leading edge of the boundary pla:e
should be swept back, when this is consistent with the inlet shock con-
figuration, and the diverter apex should be at least one diverter height
back of the boundary plate aper. To reduce the pressure and friction
drag and to minimize the deflection asngles (and lateral velocity), the
included angle of the diverter wedge should be 20° or less. To prevent
vortex formation in the diverter channel, the cornexrs should have generous
radii, The passage height must diverge both longitudinally and laterally
to minimize flow resistance and prevent choking.

Drag Estimation

The diverter sy.tem drag may be divided into tun parts (1) the pressure
drag of the wedge and (2) the skin friction drag from the systemiconsist-
ing of portions of the wedge, splitter plate, and body. The method
presanted here yields the total drag on the diverter, and the additiomal
wetter surfaces within the shadow of the splitter plate. Figure 7-60
defines the total wetted area Ay for a typical bouadary layer diverter
gystem, Presssure drag is in paramerric form in Figures 7=-00 through

7-68, Skin friction drag is calculated from Figures 7-69 through 7-70.
Figure 7-71 is a comparison of experimental results and the method outlined.
Although the data presented is shown for a diverter apex indentation of
zero, the drag estimation technique may be applied to indentation distances
of 2§,

The area considered for the skin friction calculations include the sides
of the diverter wedge, the wetted undersidz of the splitter plate from
the lip to the diverter base., and the wetted surface ¢f the main body
that lies in the shadow of the diverter. Figure 7-60 calculates the
wetted area of a system with a rectangular splitier plate.
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7.11

7.12

Skin friction depends upon Reynolde number as well &s Macn number.
Reynolds numbers may be obtained from Figure 7-864 by multiplying the
istance o the inlat, Friction cosfficients are cbtained from Figure
7-69. Figure 7-70 shows the correlation of some experimental data
used in the presented method.

The following procedure 1s recommended: (1) Given: My, Altitude,
diverter geometry, boundary layer thicknees. (2) Calculate parameters
needed for Figures 7-66 to 7-68, These parameters are Mach number,
Reynolds number, @, h/§ , d/6 , Ayetted> Aprojected: Use free stream
Mach number, and Reynolds number based on surlace distance to the irlet.
(3) Calculate Cpp from Figures 7-66 through 7-68. This coefficient is
based on projected frontal area. (4) Calculate CpF from Figures 7-70
and 7-71. '

Cpr (Based on Ay) = (Cgy) Co¥
Cru

CDF (Projectsd Area) = C (QE._________)
3 DF (wetted area, Aq) ‘p Ject }

(5) Calculate total drag coefficient based on projected area.

Cpt = Cpp + Cpf (Project Area)

Bypass Door Drag

Bypass door drag 1s calculated in a manner similar to the heat axchanger
and boundary layer bleed drag. There is an additional item of drag that
must be considered and that is the pressure drag on the door that is
exposed to the free-stream. Some designs may not expose the dcor to

the free-stream and the drag would not be present. A conservative estimate
is to assume a drag coefficient of 1,17 based upon projected frontal area.

Miscellaneous Drags

7.12,1 Screen Drag

Occasionally, openings must be screened to prevent foreign object
ingestion by engines. Much data are available for determining losses
and loads. Figure 7-72 shows a curve that may be used to determine the
pressure drop thrcugh such a screen and the drag of the screen based

upon the free area ratio and the approaching Mach numbers.
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7.13 Internal Ducting Losses

Pressure losses incurred by ducting the air internal through the

alrcraft are fully discussed in Section 2.5 which contains information
on inlet duct pressure losses.
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