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Today aviation for the most part uses gas-turbine engines
as replacements for the reciprocating engines which have exhaust-
ed their developmental potential, There is no practical way to
attain any significant increase in airspeed, let alone at super-
sonic speed, with reciprocating engines driving air screws, that
is, with a reciprocating propeller-engine installation (VHU).

The reasons are as follows. The shaft power developed by
the reciprocating engine, that is, the engine's effective power,
Ne' in hp, is expended in rotating the air screw, the propeller
of the propeller-engine system, When the propeller rotates and
drives the surrounding mass of air back at a speed greater than
the airspeed, it imparts acceleration to this mass, And the re-
active force developed is directly absorbed by the propeller blades
and is then transmitted through the shaft, bearings, and engine
block to the aircraft as propeller tractive force, Pp.

Thus, a propseller on an aircraft moving at speed V, in m/uec.
pulls the aircraft with force P_, in kg, and consequently imparts
to the aircraft a net power equal to PPV' kg m/sec, and lends it
forward motion in the air. However, the power expended in turn-
ing the propeller is always greater than the net power because of
unavoidable losses usually taken into consideration in propeller
efficiencyt np < 1, Therefore, we can write:

PVse 75N N
from whencet P ° ﬂp
Pp " 75 N /V * np.

Since the effective power of a reciprocating engine is
practically independent of airspeed, and since the efficiency of
a propeller is reduced significantly at Mach numbers close to
one, it will be seen from the relationship obtained above that
under these conditions propeller thrust must decrease rapidly
with increasing airspeed While the thrust developed by the
propeller-engine system is decreasing, the thrust required for
the aircraft to fly will increase significantly with increasing
airspeed.

Therefore, a sharp increase in the power of a reciprocating
engine is required at high speed to provide the necessary thrust.
But this leads to an unacceptable increase in the weight and
size of the aircraft power plant. As a result, the weight of a
reciprocating power plant proves to be about the same as the
weight of the aircraft, so it becomes impossible to use this type
of power plant and, consequently, achieve high airspeeds with it.,



This obstacle can be completely overcor- by making the transi-
tion to jet engines capable of developing thrust required for
very high airspeeds at completely accepte .o weights and sizes,
many times less than those of comparable reciprocating engines
with a propeller,

The use of jet engines made possible a significent increase
in aircraft speed and altitude within a short period of time. In
1948, a turbojet aircraft flew at 1079 km/h whereas the previous
(1939) maximum speed of a speclal-purpose aircraft with a reci-
procating engine designed to establish a record was only 755 km/h,

The officially recorded world records for jet aircraft were
1822 km/h in 1956, and 2259.8 km/h in 1958. A new world record
of 2388 km/h was established in 1959, by the Soviet Ye-66. The
meximum speed recorded while this record was being established was
even higher, 2504 km/h. In that same year, 1959, the Soviet T-431
set a world altitude record (28,852 m above sea level). Today Jjet
aircraft fly at even greater speeds and altitudes.

The principal, characteristic feature common to Jet engines,
regardless of design or working principle, is that the thrust
they develop is the reactive force of a flow of fuel combustion
products accelerated in the engine proper and discharged from
it into the surrounding medium at a speed greater than the air-
speed. This reactive force is opposite in direction to that of
the gas exhaust flow, is directly absorbed by the structural
elements of the engine, transferred to the ailrcraft through the
engine mount, and used as the thrust required to achieve flight.

The :cceleration of the gas flow in a jet engine is depen-
dent on the heat imparted to it during fuel combustion and the
subsequent conversion (during the expansion process) of the poten-
tial energy of the combustion products into kinetic energy. Con-
sequently, in a je: engine the chemical energy of the fuel, trans-
formed into the kinetic energy of the combustion products, can
be used to obtain thrust directly, without an intermediate pro-
pulsive unit reacting with the surrounding medium such as a pro-~
peller, for example,

Thus, the jet engine combines the engine proper, the thermal
engine in which the chemicai energy of the fuel is converted into
mechanical energy (in this case into the kinetic energy of the
gas Jet), and the propulsive unit which creates thrust as a result
of the reaction of the gas jet escaping from the engine, Jet
engines are therefore called direct reaction engines, as distin-
guished from engines with pPropeller thrust, which are called in-
direct reaction engines,

All jet engines can be divided into the following two classes:
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air-breathing engines (VRD);

rocket engines.
Air-breathing engines, in turn, are divided into two types:

solid injection, or ramjet; (PVRD);

gas turbine engines (GTD).
Gas turbine engines, as was indicated above, are most widely
used in modern aviation and have a compressor driven by a gas
turbine to compress the air fed into the combustion chamber. These
engines have been highly perfected within a relatively short period
of time.

Gas turbine engines are subdivided into turbojet engines (TRD),
turboprop engines (TVD), and turbofan, or dual-flow engines (DTRD),

Whereas in the TRD the gas turbine only turns the compressor,
in the TVD it turns the compressor and the propeller, and in the
DTRD it turns the compressor and the fan, which is enclosed in an
annular duct.

In the TRD, the only thrust is that of the direct reactive
force of the gas Jjet discharged from the engine into the atmosphere.
In the TVD and DTRD, thrust is a combination of the reactive force
of the gas jet discharged from the engine, and the thrust created
by the propeller, or by a special fan.

Turbojet engines are the principal engines used in the dif-
ferent types of military aircraft flying at both supersonic and
very much lower than subsonic speeds. These engines are beginning
to find ever increasing use in fast civilian aircraft (passenger
and cargo) flying at approximately 800 km/h,and faster.

ihrbogrog engines are widely used in relatively stow (sub-
sonic) (600 to 700 km/h) passenger and cargo aircraft., At these
speeds they are more economical than other types of gas turbine
engines,

Dual-flow jet engines are more economical at subsonic speeds
than TRD's, and therefore are used in many cargo aircraft, despite
their more complicated design. Even at supersonic speeds the DTRD
can, under certain conditions, be more advantageous to use than the
TRD (weightwise,for example).

Different turbine engine designs are also used for helicopter
rotor drives in many cases,

Rocket engines can be subdivided into the following two
groupsi

liquid-fuel rocket engines (ZhRD), in which an oxidizer, such
as liquid oxygen, nitric acid, hydrogen peroxide, and others, is
used to burn the 1liquid fuelj;

solid fuel rocket engines (RDTT) using special powders, and
other solid fuels, that include the oxygen required for combustion,
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Liquid-fuel rocket engines (ZhRD) are installed in various

types of ballistic missiles. ZhRD's are also used to launch and
accelerate different types of unmanned aircraft. ZhRD thrust is
independent of airspeed and, what is pariicularly important, will
not decrease but will even increase markedly with an increase in
altitude. The apecial feature of the ZhRD is that there is no need
for atmospheric air for fuel combustion. Therefore, missiles
equipped with ZhRD can develop airspeeds and .sach altitudes
completely unattainable by aircraft with other types of engines,
Clear proof of this are the speeds and altitudes reached by Soviet
satellites and space ships using ZhRD rocket carriers,

Liquid-fuel rocket engines can also be used in high-speed air-
craft with a requirement for high speed, high rate of climb and
high ceiling for a relatively short flight fixed by the amount of
oxidizer and fuel the aircraft can carry in its tanks. These
engines can also be used in conjunction with a TRD as auxiliary
systems used to reduce the time to altitude, to increase speed for
short periods of time, and increase the ceiling for the aircraft,
or as booster systems to facilitete take-off, that is, to shorten
the take=off run.

Solid-fuel rocket engines are distinguished by s short period
of continuous operation fixed by a short combustion period for
the fuel in the engine is combustion chamber. This is why the
RDTT is only used in aviation in boosters (booster rockets) that
facilitate the take-off for some aircraft, 1In addition, the RDTT
is widely used, independently, and as an auxiliary (boost and
acceleration), in various types of ballistic and winged missiles,
missiles , etc,

Principles of the theory of gas turbine engines will be re-
viewed in this book. Attention in the main is devoted to the
physical significance of the phenomena and behavior patterns re-
viewed, and especially to those questions of theory directly
associated with engine operation in the aircraft, and with bench
testing.

In concluding his introduction, the author expresses his great
appreciation to Professor Yu. N. Nechayev, Doctor of Teclnical
Sciences, for his valuable advice and comments given upon review-

ing the manuscript of this book.



CHAPTER 1

NECESSARY DATA FROM THE THERMODYNAMICS OF FLOW AND
GAS DYNAMICS

1. Gas Flow and the Fquation of Continuity
The equations under consideration in this chapter are derived

as epplicable to an elementary gas filament; 1in other words, to
that stream filament, the lateral dimensions of which are so small
that all gas parameters, velocity, pressure, temperature, and
density, can be taken as constants within each of its cross-sections,

These equations are also used in this form in the theory of
aviation gas turbine engines, regardless of type.

When these gas parameters are not identical within the limits
of a flow cross-section the actual parameters in each specific flow
cross-section are replaced by their averaged values. This makes
it possible to use all the equations obtained for the elementary
stream filament in these cases as well by using corresponding cor-
rection factors,

In what follows we will counsider nnly the steady (utationary)
fluid flow, a characteristic feature of waich is that at each point
in the flow the gas velocity, and the parameters for the state of
the gas (pressure, temperature, volume) have completely defined
values that do not change over time, In a fluid flow such as this
the particle trajectories are called lines of flow, and the lateral

surface of the elementary stream filament is called the surface of

flow. 1In the case of steady motion, the velocities at which the
particles move are in a direction tangent to the surface of flow,
so there is no gas leakage, and the surface of flow is, as it is
usvally apoken of, gas impermeable.

Let us consider a section of a gas stream filament between
its cross-sections, 1 and 2, normal to the surface of flow (fig.1),
and assuming that the gas moves from cross-section 1 to cross-
section 2.

Fig, 11 Derivation of the equatior of
continuity,

After some (very short) time interval AT, the separated
section of the stream filument is displaced from position 1 2
to a new position 1' 2', The gas displaced from area 1 1° flows
into shaded volume 1' 2, and at the same time some gas flows from
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this volume (1' 2) and fills area 2 2',
Obviously,the weight of gas AG, enterinrvolume 1 2 in time
47T will equal

AG, = 1,Fél,
where
Y, is the spocific weight of the gas in cross-section 1;
F, is the area of cross-section 1

1
Al' is the distance between cross-sections 1 and V',

Distance A11 can be represented as the product of velocity

¢, in cross-section 1 and time 4T} AY’ - c‘A T, so,

AG; =1, F el

1

or .
G
=16

But AG‘/AT is the weight flow of the gas per unit time,
G, kxg/sec, through cross-section 1, so
G, = 1,e.Fy
and, in general, for any cross-section of the flow
0=TCF. (‘.|)
This relationship is called the flow equation.
~%=10. (1.2)
is obtained from the flow equation.

The product vc is called the flow density. It is easily
seen that the flow density is the weight flow pe:r unit cross-
sectional area.

The amount of gas by weight, AGz, displaced from volume 1' 2
in the same time, 4T, and the weight flow of the gas, G2. per
unit time through cross-section 2, by analogy with the foregoing,
will equal, respectively,

AG, = 1,F A = 1 Fuede
and GL'='£,€T,=T:‘:F2'

where Y, is the specific weight of the gas in cross-section 2;

2
Fz is the area of cross-section 2}
L is the velocity of the gas in cross-section 2.

In the case of steady motion, and no discontinuities in the
flow, the same umnunt of gas {1iquid) by weight passes through each
of its cross-sections; that is, the inflow of gas equals its con-
sumption and 0,=0,=0

or, on the basis of (1.1),
Tl‘AF1=Tr"2F!=T"F' (1-3)
This is also the squation of continuity, or the squation of

constancy, for the weight flow of a compressible gas.
7



For an incompressibLle liquic the specific weight is a constant
Vy = vz ~»Y , 80 equation (1.3) assumes a simpler form,
e e e oF. . (1.4)
Vhat follows from the foregoing is that for an incompressible
ltquid (*e velocity in any two crose-sections of the flow is in-
versely proportional to the areas of these cross-se:tions.

2., En Equation

Let us compile the energy balance for a moving gas celative
to a fixed system of coordinates.

Let some mass of gas, initially filling volume 1 2 (fig. 1),
be displaced into a position bounded by cross-sections 1' and 2'
in an infinitely short period of time,AY . The velocity of the
gas, and its pressure in cross-section ! are equal to <, and Py
respectively, and (o °2 and Py in cross-section 2.

A change in any type of energy equals the difference between
the amounts of the given type of energy in positions 1' 2' and 1 2.
Readily noted is that volume 1' 2 is common to both positions and
that the energy of the mass of gas filling this volume does not
change over time 47 because gas motion is steaay. Therefore, the
change in energy when the mass of gas is displaced from position
1 2 to position 1' 2' will be determined only b‘ the difference
between the amounts of energy in the infinitely :mall volumes 2 2
and 1 1' for a gas weight flow, 4G, in time 8T, Accordingly the

change in kinetic energy will equal Au@'~rﬂ
M =2

and the change in the internal (thermal) energy will equal
i e (T, —T,) a0,
where Tz and T‘ are the gas temperatures in cross-sections
2 and 1, respectively;
<, is the specific heat capacity of the gas at
constant volume.

During the gas displacement under consideration, the external
pressure forces applied to the stream filament in sections 1 and
2, and equal to p'r' and Py rz ¢+ perform work which is expended
in displacing the given volume of gas. The external pressure
forces acting on the lateral surface of the stream filament (on
the surface of flow) do no work because they are normal to it.

In time 47 the work performed by pressure force Py F‘. the
direction of which is the same as that of the gas motion, will
equal

pdoe Ve A
because the product F‘c,Lv - V'A G is the volume of element 1 1*',
and vy is the specific volume of the gas in cross-section 1,



Similarly, the work performed by pressure force Pl'z' the
direction of which 1s opposite to that of the gas motion, will,
in the same time period 4T, correspondingly equal

oAt =puAC.

Consequently, the work absorbed by the gas and expended in
1ts displacement (or *he work required to push the gas through)
as a result of the drop in pressure from position 1 2 to position
1! 2 must be equal to the difference between the work done by the
pressure forces under consideration in sections 1 1' and 2 2!

ALy ="0G( pv,— pi,).

In the goneral case heat of amount 4 Q can be added to {or
removed from) the €as in time AT during its movement. Moreover,
during this same period mechanical work,A L, can be introduced
into the gas from the outside by a compressor impeller installed
between cross-sections 1 and 2, for example, or, conversely, the
gas can do (doliver) external mechanical work by rotating a tur-
bine rotor located between the same cross-sections. Finally,
that amount of energy, ALr, expended in overcoming the friction
which develops during the gas flow (friction work) must be taken
into consideration.

The law of conservation of energy has it that all the energy
introduced into the gas, that is, the sum of the heat added to the
gas, the mechanical work, and the work done by pressure forces,
must equal the change in the kinetic and internal energy of the
gas, plus the friction work. Consequently, the energy balance
for a moving gas applicable to the stream filament flow section
betveen cross-sections 1 and 2 must be written in the following
forms AL AL =+ A sy
where A = l/hZ7 is the heat equivalent of the mecharical work.

Dividing all the terms in the expression obtained by 4G, and
using the above relationships, we obtain the energy equation
equated to 1 kg of moving gas

Q +nAL + A(pvy— pity) =
=A._‘5_;Z,£§.+c,(r,—r,)+ AL, (1.5)
where Q = Q/b is the heat introduced per 1 kg of gas in flow
section 1 23
L= LA is the external mechanical work transmitted by
1 kg of gas in flow section 1 23
Lr. Lr/b is the friction work done during the movement
of 1 kg of gas in flow section 1 2,

We can now take it that in the general case heat can be added
to » moving gas in two ways; as a result of a heat exchange with
an outside medium (or, for instance, as a result of fuel combustion
in the flow), in amount QH' and as a result of the conversion of

9



friction work Lr into heat Qr which is absorbed by the gas. Since
it is obvious that Qr = ALr' Q= QH + ALr, so after substituting
in formula (1.5) and making the reduction,

Q+ AL+ Al(po,—po)=c (T,— T A

a-q (1.350)

Moreover, from thermodynamics the sum ch + Apv = 1 is the
enthalpy (heat content), that is
==, 04 Apo, = Ty
fyz= ¢, T\ Apy = e, )

where cp is the specific heat at constant pressure,
Thus, equation (1.5a) ray be represented in the following form
Qi AL =4 e, (=T (1.6)
If the heat is expelled from the gas to an outside medium,
or if the gas performs external work (if the gas yields energy),
the terms QH and AL in equation (1.6) will have a minus sign, so
in the general case, we can write ) .
€=

Qi Al =c,(To—T)+ A=, (1.7)

In this form this equation, sometimes called the heat content

equation, is widely used in gas turbine and jet engine theory.
It, by iteelf, expresses the thermal form of the energy balance
for a moving gas, associating its temperature with the velocity
at which it is moving, and takes into account the energy exchange
between the gas flow and the outside medium,

This equation is distinguished by a significant feature; it
contains no friction work magnitudes, and is correct for flows
with, and without, friction. This is explained by the fact that
the work expended in overcoming friction is completely converted
into heat that is absorbed by the gas. Therefore, friction only
leads to the conversion of one fo'm of energy into another in the
flow, and can have no effect on the overall energy balance.

Let us consider certain special cases of equation (1.7).

1., Air flows through a passage in a centrifugal impeller
in which work (+L) is added to the air from without in flow section
1 2, compressing the air, and increasing its temperature., At the
same time, air velocity is kept constant, Cy = Cy» The air simul-
taneously expels some heat, (-QH), to the surrounding medium,
through the passage walls. Under these conditions, and in accorde
ance with the foregoing, we write

A= (Ty— T+ Qe (1.8)

This equation shows that in this case the work done from
without is expended in increasing the enthalpy of the air, and
on heat transfer to surrounding medium,

10



2. The gas in section 1 2 flows through the passage between
turbine rotor blades, expanding and performing external work (- L)
transmitted to the turbine shaft. Heat tranafer from the gas through
the passage walls to the external medium is negligible and can be
disregarded (QH = 0). The gas temperature falls as the gas expands
(T2< T1), so from equation (1.7) we obtain

€5

T =T =AL+ A2

(1.9)

‘&
This equation indicates that the external work performed by
the gas, and the increase in kinetic energy (in the turbine, u2<
c'), are the result of a reduction in its enthalpy.
3. The gas flow process in section 1 2 is energy isolated,
that is, neither heat nor work is added or rejected. (QH = 0 and
L = 0). Now, we obtained from equation (1.7)

.
§—c?

or (3 (TI - T:) =4
Act 1e3
L =ht (1.10)

Thus, the sum of the enthalpy and the kinetic energy is a
constant for an energy isolated process and change in enthalpy,
and the corresponding change in gas temperature is simply a
result of change in velocity.

The energy squation for a quiescent gas is simpler than that
for a moving gas, becauss if the gas is not flowing there is no
change in its kinetic energy and friction work, and the work done
by external forces can only be associated with change (detormation)
in gas volume, that is, with its expansion or compression,

In this context the energy equation for 1 kg of quiescent gas
is in the following form, known from thermodynamics (the squation
for the first law of thermodynamics)

Q=6 (T:=T))+ ALy, (1.11)

where Q is the heat involved in the process;
cv(‘l‘2 - T,) is the change in the internal energy of the gas;
La is the absolute work done in expanding or compreasing
the gas (work done in deforming its volume).

This equation indicates that in a quiescent gas all the heat,
for example the heat added to the gas, is expended in simply
changing its internal energy and on the work required to expand
the gas.

Equation (1.11) is also applicable to a moving gas if the
energy balance is equated to a system of coordinates that moves
with the flow and at the same velocity; that is, together with
the center of gravity of a separate element of the gas volume,
Here we must keep in mind that in the general case the friction
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work is AL‘_ = Qr > O for a moving gas and that as a result the
heat involved in the process will equal Q = QH + ALr. Therefore,
equation (1,11) should be written as follows for 1 kg of moving
gas

Q¥ AL =, (T, T + AL, (1.12)

The work done by the gas, L.. can be measured in the pv-coordi-
nates of the area located between the curve depicting the change
of state process and the axis of volumes; the shaded area 1 2
3 4 in Figure 2. The absoluie magnitude of this work can be
computed through formulas derived in thermodynamics. One of these
formulas for the general case of polytropic expansion has the folw

lowing form \ R
Ly=g=7 (p¥1 -~ p2.),

(1.13)

where n is the exponent of the polytropic expansion (or compression).

Figure 2., Establishing the absolute work
done by a gas.,
If no heat is added to or expelled by the gas (Q = 0) the
polytropic exponent n in formula (1.13) can be replaced by the
adiabatic exponent k.

3. Bernoulli's Equation
There is yet another form of energy equation for a moving

gas. Let us, for this purpose, take equation (1.5 a)
4

Qut AL+ Alpity = p) = e (Ty=T) + 4 (- 8)
and let us substitute in it the expression for external heat, QH'
from equation (1.12) Ou=c,(Ts=T\) + AL, — AL,
Then, after combining similar terms, and making a simple trans-
formation we obtain 2o}

L+ /-a+(l’|"’|—f':7’z)=£-_:z,c—“+ L,

The sum of the absolute work of expansion (or compression)
of a gas, La' and the work 1,'_,‘,(1)1v1 - pzvz) done in displacing
its volume, is called the total work of polytropic expansion (or
compression) of the gas, Lt' and, in accordance with (1.13), is
equal to

Lg= Lo+ Li—a= Tfj‘(lf'u”u—l’-:"'z)- (1.14)

In graphical form and in pv-coordinates this work can be
represented by the shaded area a 1 2, b in Figure 3.
12



Figure ). Establishing the total work done by 4 gas,

Thus, retaining the previous sign rule for the external work L,
we can finally write

(1.15)
This is the so-called generslized Bernoulli equation, and

represents the energy balance in mechanical form for | kg of mov-
ing compressible gas. The equation explains the connection between
gas velocity, change in its pressure and specific volume, friction
work, and external mechanical work. As will be seen, external heat,
QH' does not enter into the Bernoulli equation, so this latter has
the same form for the processes involved in expelling (or adding)
heat as it does for processes without heat exchange with the ex-
ternal medium. However, the intensity and the direction of heat
exchange between a moving gas and the external medium have a direct
effect on the nature of the thermodynamic change in the state of
the gas; that is, on the magnitude of the polytropic exponent and,
consequently, can be taken into consideration when computing the
total work done in expanding (or compressing) a gas.

Let us consider certain special cases of the Bernoulli
equation,

1. Air flows through a compressor impeller, where, in section
1 2, work (+L) is added to the air from without, as a result or
which the air is compressed and forced into an area of higher
pressure than that prevailing at the impeller inlet. Air velocity
is unchanged (c2 = c‘). We also have friction work (Lr > 0) and
heat exchange with the external medium (QH > 0). Under these
conditions, we obtain the following from formula (1.15)

L+ Lt - Lr'

Lem—lg+ 1, =

’=',’,"i-1'(l’11’;--/‘|”!)+l-r, (1.16)

This equation demonstrates that in this case the external

work is expended on polytropic compression, in forcing the air
through, and for overcoming friction (hydraulic resistance),

2. Gas flows through a turbine rotor where, expanding in
section 1 2, it does external work (-L) against friction (Lr > 0).
Let us disregard the heat exchange with the external medium.

In this case we obtain the following from formula (1.15)

2
I'C'—"I"f'"—i’gi""L, ('.'7)

13



or n—.”_r(plvl —pv) =L+ "T—+ L,

Equation (1,17) demonstrates that the total work of polytropic
expansion (the potential energy of the gas) is expended in the
turbine in doing external work, increasing the kinetic energy of
the gas, and overcoming friction.

3. Air flows through a pipeline, expanding against friction
(Lr'> 0). No external work is performed (L = 0). Now we obtain
the following from equation (1.15)

d=d

Lt—‘———-l-L.
(1.18)
Conaoquontly, when L = 0 the potential energy of the gas
is expended in changing its kinetic energy and in overcoming
friction.

4. External work is L = 0, friction work is L. = 0., The air
flow through section 1 2 is slowed by the corresponding change

in the pipe cross-seciien; the velocity is cy < Cyqr In this
case equation (1. 15) will obviously be in the form
t —C
—xﬁl=—Lt+L
or
‘?""3 n
—% e VT AN E (1.19)

Thus, when L = 0 the kinetic energy of a decelerating gas
is expended on its compression, on forcing it through, and on
ovarcoming friction.

5. The gas flow process is energy isolated (L = 03 QH-O),
and there is no friction (L = 0)3 that is, process is adiabatic
and n = k., For these conditions, we obtain the following throush
equation (1.15) and formula (1.14)

. 2
T (P~ poy = O
(120)

Consequently, in an energy isolated process an increase in
velocity must be accompanied by a reduction in gas pressure (ex-
psnsion), and a decrease in gas velocity must be accompanied by
an increase in its pressure (compression). It is easily seen
that equations (1.10) and (1.20) are identical. Actually, based
on the known equation of state, pv = RT (where R is the gas con-
start), we can write

T =P = e R(T (1.20 a)

Hownver, from Mayer's equation, €y Sy " AR, kR/k=1 = cp/A,

so T‘_I:._—l' (pv,— Py = :,:" (7,=Ta),
which after substitution in equation (1.20) again leads to
equation (1.10).

Comparing equations (1.18), (1.19), and (1.20) it is reacily

seen that friction (hydraulic resistance) reduces the potential

14



energy (pressurs) when kinetic energy is converted into potential
energy, and will reduce kinetic energy (velocity) when potential
energy is converted into kinetic energy.

6. For an incompressible liquid, v = 1/V = constant, so

Lo=v(p-—-p)= 'I,":‘ o

and if L = O, equation (1.15) will take the following form, known

from hydraulics, — &—d .
1) “BI - + L,
{(1.21)
If, morecver, L_ = 0, we obtain , "
r d P
Loy Lol 2
[ T T (1.22)
Consequently, when L = O and Lr = 0, the sum of the potential
and kinetic energies is a constant. Equations (1.21) and (1.22)
are also applicable to the motion of a compressible gas if its
pressure drop is insignificant, with the result that we can take

Y1 £l V2 without significant error.

4, Stagnation Parameters, Special Features Involved in Heating

Bodies in a Gas Flow,
What follows from the energy equation at (1.10) for an energy

isolated flow is that gas temperature and enthalpy increase with a
decrrase in gas velocity and reach their maximum values when the
flow velocity eugala zero; that is, when the flow is completely
stagnated,

The temperature of a completely stagnated flow is called the
stagnation temperature, and the corresponding enthalpy is called
the total enthalpy, In what follows enthalpy, temperature, and
other state parameters of a completely stagnated flow will be in-
dicated by the corresponding letters and an asterisk.

Thus, if the flow velocity of an energy isolated flow is re-
duced from ¢, = c to c, » 0, the energy equation at (1.10) can be

written X pe . ’
l-|-A'.2-,: €, T% =2 % = const,
from whence is found the stagnation temperature
e
T“=T+A-§Z,Fp-—-const. (1.23)

where T* is the stagnation temperature (c = 0)j

T 1is the true (thermodynamic) temperature of a gas moving

at velocity ¢ > 0,
For air ¢_ = 0.24, so
p 2
TN T +ec /2000, (1.23 a)

These relationships demonstrate that total enthalpy i* and
stagnation temperature T* are constants for energy isolated flows
and are completely independent o7 the nature of the process of
flow stagnation,
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Let us turn to the following example to explain the physical
significance of stagnation temperature. The leading edge of a
solid body placed in a gas flow will deflect the flow from its
initial direction, However, there is always one among the tra-
veling stream filaments on the body that is not deflected, but
approaches normal to the body and upon impact loses all its kinetic
energy (velocity); that is, is completely stagnated. That point
on the surface of the body where this phenomenon occurs is called
the stagnation point, or the zero velocity point., The gas temper=
ature at the stagnation point, where the gas velocity becomes zero,
and will exactly equal the stagnation temperature, is determined
through equation (1.23) if, of course, the very insignificant
heat exchange between adjacent stream filaments is disregarded,

What follows from the Bernoulli aquation at (1.2) for an
energy-~-isolated flow when there is no friction (for an adiabatic
flow) is that a reduction in velocity (°2< cI) will increase gas
pressure vwcause the gas is being compressed, and will reach its
maximum upon complete stagnation, when the velocity is reduced
from some magnitude €, =c to zero; that is, to cy = O. Now the
equation at (1.20) willktake {the follow%ng form

o -

G (1.24)
but the following relationship for pressures and specific volumes

is known for an adiabatic process

In addition, let us use the gas state equation PV, = RT,.
Substituting this relationship in the equation at {1.24) and
transforming, we can write it in the following general form

»
srrl(5)F -] 4. (1-23)
vwhere T and p are the actual temperature and pressure (static
pressure) in the flow at a flow veloitity equal to c, p* is the
pressure in a completely adiabatic, stagnant flow (when ¢ = 0),

and called the total pressurs or the stagnation pressure.

From the equation at {1.25) total Pressure equals

o ke i Fasi
(U A g ) (1.26)
For air k = 1.4, R = 29.3, and k/k-1 = 3.5, so
p;"=p(l+—§&%7.')”, (1.26 a)

We note that the effective pressure obtained upon total
stagnation of the gas flow is usually lower than the total pres-
sure established through the formula at (1.26). This is explained
by the fact that, actually, flow stagnation is accompanied by
friction (hydraulic losses); it is not an adiabatic process.
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In many cases the introduction of stagnation parameters great-
ly simplifies the c amputations sines by so deing there is no need
for a separate calculation for change in the kinetic snergy of the
flow.

What follows from the foregoing is that a solid body located
in a gas flow and causing it to stagnate will, as was explained
above, result in compression and a consequent increase in gas
temperature, Now, let there be a gas flow incident to a plate
perpendicular to the flow, In the center of the flow, in front
of the plate itself, where flow stagnation is total, all its
kinetic energy is converted into heat and the gas temperature is
increased, becoming equal to stagnation temperaturs,

As a result, there will be supplemental heating of the
slate to a temperature higher than that of the moving gas. At
the same time, plate temperature will be somewhat lower than the
temperature of the completely stagnant &as because some of the
heat will have been expelled from the plate ana because of heat
radiation from its surface. However, in many cases it ie possible
to assume without appreciable error that a plate perpendicular
to the flow has the temperature of a completely stagnant gas.

Another cause of flow siagnation, and of increase in gas
temperature, when the flow washes a body is associated with gas
viscosity. Actually, if a plate is placed lengthwise in a for-
ward flow the gas too will be stagnated at its side, longitudinally
washed surfaces, and its temperature will be increased accordingly.
In this case, this is because the gas viscosity forms a thin, so-
called boundary layer of stagnated gas at the surface of bodies
washed by a gas,

Gas velocity at the boundary layer increases gradually from
zerc on the very surface of the plate {where the gas is immo-
bilized by the friction on the plate surface) to the value of the
velocity in the forward flow (at the outor limit of the boundary
layer).,

This gradual increase in velocity at the boundary layer is
explained by the presence of internal friction between adjoining
gas layers at the boundary layer, the result of gas viscosity.

Internal friction heats the gas, and boundary layer temper-
ature rises above that of the forward flow.

Since, for the reasons indicated above, almost all the kinetic
energy of the gas (from 85 to 100 %) is converted into heat at
the boundary layer along a longitudinally washed plate, its tem-
perature right at this plate will be found to be close to stag-
nation temperature. Correspondingly, the plate itself assumes
the increased temperature.
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Thus, any body washed by a2 gas flow wili be heated to a tema
perature in excess of the actual (thernodynamic) temperature of
the gas in a forward flow undisturbed by the eff.ct of that body
(provided, of course, that special cooling is not used), It is
this, in particular, that complicates considerably measurements
of the true temperature of a moving gas. If a thermometer (thermo-
couple, or other) is placed in the gas flow, the gaa temperature
at the thermometer will he highest at the stagnation roint and
equal to stagnation temperature. e

A A

wey

The gan temperature at the thermometer in the boundary layer
will be slightly lower than the stagnation temperature, but still
close to it. Therefore, the thermometer will indicate some average
elevated temperature, Tm, of the gas stagnated near it, and not¢
the true, lower temperature, T, of the gan in the forward undis-
turbed flow. Consequently, we can write the following for the
temperature measured by the thermometer:

T =T+ r-

where r = 'I‘,n ~ T/T* « T is the temperature recovering factor,
entablished experimentally,

This factor depends on thermometer (temperature aensor)
design and shape, viscosity, and heat conductivity of the gas.
Special temperature measuring devices have a factor r 2 0.97 to
0.98,

Consequently, in order to determine the true temperature of
a moving gas it is necessary to know gas velocity and its speci-
fic heat, as well as r.

5. Sound Velocity and Mach Number

Experience shows that any so-called local perturbation, such
as an increase in pressure (density)developing somewhere in a
gasecus medium, will be propagated in all directions at a pre-
determined velocity.

A perturbation is called small if the changes in the para-
meters (pressure, density, etc.) caused by it are very small
compared to the values of these parameters for a gas in a state
of equilibrium,

Small perturbations propagating in a gaseous medium are
called weak waves, or small perturbation waves. 3sound waves are
a characteristic example of this type of wave.

A sound wave consists of regularly alternating domains of
increased and decreased density (and pressure) which can be Pro-
pagated in a gas mass at a velocity called the sound velocity,

18



All the other small pPerturbations not perceived by the human ear
as sound ! can be propagated in a gaseous medium at precisely
the same velo:ity, Thorefore, in gas dynamics sound Yelocity is
understood to be the velocity at which, in general, all small per-
turbations 1a density and Pressure are propagated in a gas (air),
regardless of whether or not they are perceived as sound by the
human ear.

It is known fron physics that sound velocity equals

PR
‘a:_-’/g/"-i-—-A/AT/J\’T, (1.27)
that is it depends solely on the temperature, and the type of gas.
If we insert k = 1.4, g = 9.81, and R = 29,27 in this formula, we

obtain the following expression for the velocity of sound in air

a=01VT

Since sound velocity depends on temperature it can differ in
the same gas., Sound velocity in a gas increases with increase in
temperature,

As altitude increases (up to 11,000 m above sesn level), the
temperature and the velocity of sound in air, decrease.

The ratio between the velocity at which a gas moves, c, and
the sound velocity in a gas flow, a, is called the Mach number

M=,

Using the formula ut (1.23) and the expression at (1.27) for
sound velocity, we can express the stagnation parameters in terms
of the Mach number as follows o .

T (14 A5 ; (1.28)
ep(ie 2w, (1.29)
where p, as before, is the static pressure at a specified point
in the flow.

If the Mach number is M< 1 flow is callcd subsonic, if M> 1,
supersonic. There can also be a flow regim=~ when the gas velocity
coincides with the local sound velocity in the flow; M = 1, This
gas flow regime is called the critical regime, and, in accordance
with (1.28) the critical temperature in the flow corresponds to it.

Tepge = 2/k + 1 < T+, (1.30)

The gas velocity, which is thus equal to the local sound
velocity in the flow, is called the critical velocit 9 Or critical
sound velocity. It is obvious that this velocity is equal to

ccrit = .crit . b ‘kRTcrit

Y The ear perceives as sound only those small perturbations
transmitted at frequencies from20 to 20,000 oscillations per
second,
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or, expressing Tcrie in terms of stagnation temperature through
the equation at (1.30):

Corit « V% - k/x + 1. R+, (1.31)

In an onergy isolated flow a change in gas temperature is
associated only with a change in the velocity at which the gas
is moving. Sound velocity in a given gas depends only on its
temperature. Therefore, in a given case the sound velocity in
& gas should changs with change in the velocity at which the gas
{n moving, the result of the corresponding change in its tem-
perature.

Accordingly, in the case under consideration the Mach number
will increase with an increa‘.e in the velocity at which the gas
is moving, as well as a ruduction in the Jocal sound velocity
in the process and 41 there is flow stagnetion the Mach number
will be reduced ar a result of the reduction in the velocity at
which the gas is moving and the tncrease in the local sound ve-
locity.

In the case of a gas flow without energy exchange with the
surrounding medium, the stagration temperature at each point, or
section of the flow, is a ccnstant, as is the critical sound ve-
locity, This follows from the formula at (1.31),

The relationship between the velocity at which a gas is
moving and the critical sound velocity is called velocity co-
efficient M

PO c/.crit (1.32)

It is obvious that in the critical &as flow regime (when
¢ = .crxt) the velocity coefficient, as well as the Mach number,
equal onej xcrlt - "crtt s 1,

It is readily seen that, unlike the Mach number, this co-
efficient is only proportional to the velocity at which the gas

is moving because a is a constant.

In many cases :::;1or relationships can be obtained by using
A , instead of the Mach number. Therefore, in gas dynamics, as
well as in jet engine, compressor, and turbine theory, the
velocity coefficient, x. is widely used, in addition to the Mach

number.

6. Propagation of Weak Perturbations in a Gas. Shock Waves.

As was explained above, weak perturbations propagatel in a
quiescent gas do so from their origin in all directions in the
form of low-amplitude compression waves of identical velocity,
equal to sound velocity.

Therefore, if a perturbation source is in the form of a mass
point (a body of insignificant dimensions) surrounded on all sides
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by a quiescent gas, the leading front of the weak compression wave
created by it {the perturbation boundary) will be a sphere (spheri-
cal wave) which can be represented by a circle on a plane.

If the pertumsbation source somehow generates a single local
perturbation (compression) in the surrounding quiescent gas, by
rapidly increasing its volume, for example, the leading front of
the low-amplitude compression wave created moves in all directions,
covering a distance after one second numerically equal to the
sound velocity a, after two seconds a distance equal to 2a, etc.
Thus, the radius of thespherical, low-amplitude wave will increase
by a meters per second and in quiescent air these waves will be
propagated symmetrically with respect to the perturbation source
(which, in a plane can be represented by concentric circles
centered at the source).

The picture is different when weak perturbations are propa-
gated in a gas that is moving relative to the perturbation source.

Figure 4 Propagation diagram of sound waves
in a subsonic gas flow.

Now the perturbation wave is not only propagated in radial
directions, but is also carried along in its entirety by the gas
flow., After the first second the radiue of the spherical wave
will become numerically equal to the sound velocity a, Jjustas in
the case of the quiescent gas, but after the same period the
entire spherical wave, and consequently its center as well, is
carried along by the flow, moving from the perturbation source
for a distance numerically equal to the gas velocity c. After
two seconds the wave radius will equal 2a, and the distance
between the center of the wave and the perturbation source will
become equal to 2c, etc, Obviously, wave propagation can no
longer be symmetrical relative to the perturbation source.

The propagation velocity of these waves will be highest
and equal to ¢ + a in the direction of gas motion, and lowest
and equal to ¢ - a in the direction opposite to the gas flow,

Conrequently, in a subsonic gas flow, when velocity is
¢ < a, th2 compression waves must propagate in all directions
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from the perturbation source, in the direction of flow, and
opposite to it, but asymmetrically with respect to. their source
A, as shown in Pigure 4, Now the perturbations are finally pro-
pagated throughout the flow and do not attenuate until some dis-
tance from their source, the result of the viscosity of the gas,
In sonic and supersonic gas flows, when ¢ 2 a, the drift
velocity of compression waves due to the flow is respectively
equal to or greater than the propagation velocity (sound velocity
a) of the waves along the radii. Therefore, in supersonic (and
aonic) flows small perturbations, compression waves that is,
clnno; be propagated againat the &as flow but will be concentrated
exclusively in a particular section extending in the direction
of the gas flow, as shown in figures 5 and 6. The domain in which
weak perturbations can be propagated in a supersonic flow in an
expanse (fig. 6) shaped 1ike a cone the apex of which is in the
perturbation source, and is called the weak perturbation cone,
The surface 'of this cone is the boundary dividing the flow into
two parts, the perturbed part (inside the cone) and the unper=-
turbed part (outside the cone). This boundary surface is called
the perturbation wave boundurx, or simply the perturbation boundagx.
The angle, a, between the generatrix AB of the perturbation
boundary (cone) fig, 6) and the velocity direction, ¢, of the
gas flow is called the perturbation angle. It 1is easily apparent
that this angle can be established through

Figure 5 Schematic diagram of the propagation
of sound waves in a sonic gas flow,

Figure 6 Schematic diagram of the propagsation
of sound waves in a supersonic gas flow,
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What follows from thia relationship is that with an increase
in the Mach number there is a reduction in the perturbation angle,
and that the domain filled by the perturbations is even more con-
structed and extended along the flow in the direction of the gas
motion. This angle will increase with a decrease in the Mach num-
ber, and when M = 1 (c = a) will equal 90°; the perturbation
boundary will develop into a plane.

Practically speaking, any minor obstacle, such as a shallow
bend in a surface washed by the €8s, a scribe mark, or protruberance,
on this surface, a thin tapered body, the leading edge of which
has a very small cone angle (and which, strictly speaking, has an
infinite apan), etc., can be the source of small perturbations,
These obstacles generate a small compression which too can be
propagated in the flow as described above.

In all cases where a supersonic flow washes bodies with
lateral dimensions such as to cause them to become definite and
significant obstacles to the gas flow there is strong perturbation,
a strong pressure wave, or so-called shock wave developed in front
of the body as a result of flow stagnation, Experiments have shown
that strong perturbations propagate in a gas at supersonic veloci-
ty. This is explained, in particular, by the fact that a shock
wave generated in front of a body washed by a supersonic steady-
state flow is stationary relative to the body.

The gencration of a shock wave when a supersonic gas (air)
flow washes any body, such as a bullet, rocket, aircraft wing,
etc. (or when the bodies move relative to a quiescent gas at super-
sonic speed), can be explained as follows.

Small perturbations in the gas (an increase in pressaure)
caused by each surface element of a body washed by a supersonic
flow are superimposed and added, so strong perturbation, a shock
wave, is generated ahead of the body. The shock wave has its
greatest intensity directly in front of the body. As the distance
from the body increases the intensity of the perturbations it
causes in the gas decrease, the result of gas viscosity, and well
away from the body the shock wave gradually merges into the
boundary wave of the weak perturbations.

The basic feature of the shock wave is that its front is
very narrow (about 10~ mm), so it undergoes an abrupt, shock-
type increase in gas Pressure, temperature, and density, in
addition to an abrupt reduction in velocity.

The shock wave is also the boundary dividing the flow into
two parts: the unperturbed (ahead of the shock front) and the
perturbed (behind the shock front), A gas interlayer of much
higher pressure is enclosed between the shock front and the lead-
ing face of the body and has the same effect as if the inflowing,
unperturbed st ~eam had hit an unexpected obstacle, experiencing



gas shock {(at the shock wave) upon contact. This shock resembles
the shock of a jet striking a solid obstacle, accompanied by
sudden loss of velocity in the direction of the normal, and a
corresponding increass in pressure., The difference between these
two situations is that in the case of the solid obstacle the jet
velocity in the direction ~€ the normal is lost completely,
whereag flow velocity in the direction normal to the shock wave
is reduced considerably, but not lost completely. Consequently,
it can be said that a supersonic flow appears to "strike" the ob-
stacle suddénly and begins to ajapt to the shape of the body,
that is 1t will not begin to wash it behind the front of the shock
wave (fig. 7 b).

Figure 7 Diagrams of flows around bodies at sub-
sonic (a) and supersonic (b) velocities.

However, if the body is washed by a gas flow at subsonic
velocity, the perturbation caused by it associated with flow
stagnation will propagate in the form of a pressure wave in the
direction against the flow far ahead of the leading part of the
body. The gas flow begins to deform gradually, and accomodate
to washing the body long before it approaches the body (fig. 7 a).

Shock waves can be normal or oblique. A shock wave is called
normal if its surface (front) is perpendicular to the direction
of the velocity of the inflowing unperturbed stream, that ias, 1if
it contains the angle @ = 90°,

Flow stagnation for a normal shock wave is so great that
flow velocity behind it is always less than sound velocity, no
matter how large it was in front of the shock waves.

A s1ock wave is called oblique if its surface forms an acute
angle (& < 90°) with the direction of the inflowing, unperturbed
stream, An oblique shock wave is obtained when a supersonic gas
flow intersects a shock front and is forced to deviate from its
original direction by some angle ®: as when it flows around
a wedge-shaped body,for example (fig. 8).
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Figure 8 Diagram of an oblique shock wave
A oblique shock wave
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The oblique shock wave is always weaker than the normal shock
wave, at the same velocity of the inflowing, unperturbed stream;
the oblique shock wave velocity decrease and pressure increase are
mlwvays less than in the case of the shock wave. The velocity of
the gas flow behind an oblique shock wave can be either less or
greater than sound velocity.

Gas dynamics has proved that the angle of tilt of a shock
wave, & (fig. 8) depends on the angle wof the leading edge of
the washed body, and on the Mach number of the inflowing stream.
With increasing angle w and M = constant, the angle of tilt @ of
the wave increases, and when angle w becomes greater than some
specific value for the velocity in question, the shock wave se-
parates from the body and its fiont bends, the shock wave curves
in the general case (fig. 7 b). There is, in the leading part of
such a shock wave, a section close to a normal shock wave, but
with increase in distance from the body, the angle of tilt of the
curved shock wave is reduced, approaching the weak perturbation
angls, An increase in the Mach number of the inflowing stream,

@ = constant, will reduce the angle of t{lt @ of an oblique shock
wave.

Gas compression associated with subsonic flow stagnation,
that is, with compression in a sonic wave, takes place with prac-
tically no loss, and without heat exchange with the external
mediums that is, adiabatically, This is explained by the fact
that in sonic (weak) waves propagating in a gas, the processes
of compression and expansion proceed so rapidly that it is prac-
tically impossible for heat exchange to take place between that
part of the gas where these waves proceed and its other parts, as
well as with the external medium. 1In addition, becauase of the
small change in the gas state involved, the effect of internal
gas friction is not mantifeated perceptibly. Therefore, the ki-
netic energy lost by the gas is completely expended in increasing
its pressure, and gas entropy does not change, so that pressure

and density are linked by the well-known adiabatic equation

2(3).

In the case of shock waves gas compression, associated with
supersonic flow stagnation, heat exchange with the external medium
can, as before, be disregarded. However, gas entropy increases,
and th's is associated with the irreverstble, shock-type nature
of the shock wave compression process, When gas stagnation occurs
in this manner some of its kinetic energy is irrever-ibly con-
verted directly into heat at the shock wave, This energy is ab-
sorbed by the gas and is not consumed in increasing gas pressure.

Thus, in the case of flow stagnation in a shock wave not all
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the kinetic energy in the gas is consumed in its compression.
Some of it is converted irreversibly into heat and simply heats
the gas, the while reducing its compression (pressure is increased).

Gas compression, and the simultaneous introduction of heat
into the gas (in this case the result of the direct conversion of
some of the kinetic energy into heat), must also result in an in-
crease in the entropy, as we know from thermodynamics, Therefore,
the pressure behind the shock wave (both static and total pres-
sure) always proves to be lower than the pressure that would pre-
vail for the same reduction in flow velocity but with no shock
wave present; that is, for conventional adiabatic compression
taking place without change in entropy. The more intensive the
shock wave, in terms of degree of change in flow velocity in it,
the greater will be the pressure loss characteristic of it.

Given the same increase in pressure, the increase in gas
density (the magnitude of the gas compression) at the shock wave
too will always prove to be less than it would be under conventional
adiabatic compression., This is explained by the fact that in the
first case the gas temperature increases to a greater extent than
in the second case, because of the gas being heated.

Figure 9 Comparison of shock (Y) and
ordinary adiabats (A).

Consequently, some association between gas pressure and gas
density other than that for the conventional aciabat must be ob-
tained for the process of shock compression at the shock wave,
specifically

s (&) tnstead of  fi—(2Y.

The graphical representation of the relationship between
gas pressure and gas density under shock compression at the shock
wave is called the shock adiabat,

Figure 9 compares a shock adiabat Y, and an ordinary adiabat
A, and makes Lt clear that for the shock adiabat an increase in
the pressure ratio pz/p1 will be accompanied by a significantly
slower increase in the density ratio pz/p 1 and that the in-
crease in the temperature ratio ’l‘z/‘l‘1 is correspondingly faster
than for the ordinary adiabat. Moreover, regardless of how large
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the pressure ratio pz/p' may be, the deusity ratio pz/p‘ cannot
be larger than some predetermined valuo (no larger than 6 in the
case of air), The reason is the above established great heating
of the gas at the shock wave, that is, the great increase in the
temperature ratio Tz/T'.

7. The_ Momentum Equation,

The law of momentum, knowm from theoretical mechanics, can be
stated as follows,

The change in the momentum of a body over some period of time
equals the momentum im arted by the resultant of all the forces
acting on the body during that period,

The momentum of a force equals the product of the force times
its action time, and the momentum is the product of the mass of a
body times its velocityy so, the law of momentum can be expressed
through the following equation:

Az - A (me),
where
P is the projection of the resu’tant of all forces applied
to a mass m on some coordinate axis;
c is the projection of the velocity of the motion of mass m
on the same axis;

AT is force P action time on mass m;

4 (mc) is the change in the momentum of mass m during time AT .,

This is the form the momentum equittion takes as used in solid
mechanics, There is another, more convenient equation, the so-
called hydrodynamic form of the momentum equation, applicable to
a gas flow. Let us, in order to derive the momentum equation in
hydrodynamic form, consider the steady motion of an elementary gas
filament by dividing section 1 2 into two sections normal to its
axis (fig. 10),

Let us assume that the motion of the filament occurs in
pPlane xOy, that external forces whose resultant equals P act on
the separated gas volume ' 2, and that the projections of this
resultant on the x and Y axes equal Px and Py, respectively, Let
the separated section of filament 1 2 assume the position 1' 2
after an infinitely short period of time AT, under the effect of
these forces,

Figure 10 The derivation of the moment equation.
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Given steady motion, the state and velocity of the gas en-
closed in volume 1' 2 will not change. Therefore, the momentum
of the mass of gas in this volume too remains unchanged. Conse-
quently, change in the momentum of the gas mass during the dis-
placement of the separated volume 1 2 under consideration will
be determined only by the difference between the momentums of
the gases in volumes 2 2' and 1 1', In other words, the change
in momentum during timeAT in the direction of the x-axis will equal

A(me) = Amge, — dme,
where '
m, and m, are the gas masses enclosed in volumes 2 2' and
11
Coy and Cyx 8re the projections of the flow velocities through
sections 2 2 and ' 1 on the x-axis.
Expressing the mass of the gas, & m, through its weight,
4 G, and the acceleration t/!ue to gravity, g, and keeping in mind

that for steady motiond Gz = 4 G', we can write
Ameyy = \:,' (€5, = i)
However, the gas weight flow per second, G, equals 4 G/AT ,

and, 8 G = GAT so -
' - ! MmN = —%— (Cop—04,) A7,

Equating the change in momentum obtained to the momentum of
the force Py acting on the flow in the direction of the x-axis,
and cancelling the equality Afon both sides, we obtain

4]
Po= o (O —c)). (1.33)
We can obtain the following in the direction of the y-axis
similarly G
Py=p ey —ey

(1.34)
Equation (1.33), or (1.34), is the momentum equation in
hydrodynamic form, or the first Euler equation, which states that

for a steady flow, the projection, in any direction, of the re-
sultant of all external forces applied to the gas stream in any
of its fbw sections is equal to the change in momentum per second
at that section in the same directicn,

In the general case, the external forces applied to the gas
at the f'low section under consideration will be the hydrodynamic
pressure forces acting from the inflow (p'Fi). as well as the
outflow (pzrz) sides, such as the gas friction force against the
wall, Pr, directed against the motion of the flow, and the force
of the surfaces of the solid walls acting on the gas and which
limit the flow or are inside the flow (in the latter case this
can be turbine or compreasor blades, and the like, washed by the

ras.)
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Let us explain what has been said through the follcwing
examples.

1. An air flow moves at subaonic velocity through a dif-
fuser (fig. 11), that is, through a duct 1} 2, the cross-sectional
area of which incresses in the direction of flow (F2 > Fj), 8>
that air velocity is reduced (02 < c,), but pressure increases
(pz > 91)'

Disregard air friction. The forces acting on the flow will
be the hydrodynamic pressure forcea in the inlet and outlet
sectionsj that is, forces p F, (with the flow) and P,F, (against
the flow) and the force of the inclined walls of the diffuser
acting on the gas, | S

__/"f
FREL S T e
- I e

R ey |

Figure 11 Forces acting on the walls of a diffuser.

Figure 12 Forces acting on an elbow.
Taking the flow direction as positive, we can write the
momentum equation with respect to the longitudinal axis of the
diffuser, x - x, in the following form

Px=&,+ ME = poFy = %,l‘ (Cop == e}
from whence, keeping in mind that Copm= LA 0200 O = G , we obtain
— )
R =pfr—pl — 2 (6. (1.35)

2, Adir is flowing through an elbow (fig. 12) of constant
cross-section bent at an angle of 90°. At the elbow inlet the
pressure is Pys tLe air velocity is €y and the cross-sectional
area 1is F’. At the outlet the pressure is Py the velocity is ¢
and the area is F_ = F!.

2
Les us compare the momentum equation with respect to the

2

X - x and y - y axes parallel to the straight sections of the
elbow, again taking the direction of air flow as positive.
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In the case of the projection on the x - x axis, the projec-
tion of the pressure force p1r' is obtained equal to this force
and flow direction, while the projections »f the pressure force
p,F,, and of velocity c, prove to be equal to zero (c2x = 0).
Therefore, in terma of the projections on the x « x axis, the
momentum equktion can be written

&ﬁmﬂ=—%ﬂ.
or

B =— (I’nF| + %"u) ’
that is, the horizontal component of the force of the elbow walls
acting on the flow, Py s is directed against the air flow and ob-
structs its motion in ¥he original direction.

The projection of force Py F1 squals zero when projected on

the y - y axisj the projection of force pﬁr equals this force,

2
and is opposite in direction to the flow (»szz). The projection

of the velocity is c = O, Consequently, for projections on the

1
y - y axis the moment¥m equation will have the following form
R, = plyt % o
that is, the vertical component of the force of the walls acting
on the flow is with the air flow and lends itself to assisting
movement in the new direction, The comﬁonent forces Py and Py ¢
and their resultant, | ) are indicated by dotted nrrowlxin tigu¥o 12.
The resultant of forces Py and Py 0 that is, the wall force
acting on flow | ) is the hypotgnuac ofYthe right triangle aOb and
equals [
9 R=VR TR
The direction of force p, is determined by angleo (rig. 12).
It is obvious that the tangent of this angle will be equal to the
ratio of legs ab and aU of triangle alb

tan ©® = ab/a0 = P, /p‘
X

Given Fz = Fl‘ If moreover, it is taken that Py ™ Py and

= ¢c,, then p = p_ . Now, from the preceding equations, we
1 2 a, a
obtain Y

[+

Py= (P|F| -+ —g"“l) Ve
and
tan ? = 1, or O = kﬁo,

The force p;, with which the flow mncts on a bent pipe is
equal in magnitude to the force found, Pa? but is directly opposite
direction to it (solid arrow in fig. 12).

3. A flow ofair proceeds from section | 1 to section 2 2
through a straight section <f pipe of constant crosa-section
(fig. 13). Now, if there is no friction, there are no forces in-
teracting between the pipe walis und the flow in the axial direc-
tion (pa =0O0and p_ = 0)., Tf we take the direction of air flow

x
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as positive, the momentum equation with respect to the pipe axis
can be written o
Fipy—p)= ‘i‘(’:—":)v
from whence
G
Pe=P— (e,—e)).

Since, from the flow measurement equation

Gracyy,F,
then .
pPr=p— g’ (c:—¢).
.
1 4
- )
=l -~ T
= =
o iZ

Figure 1) Air flow in a cylindrical pipe.

What follows from this expression is that the pressure in a
pipeline of constant cross-section can change even when there is
no friction, and no external work is being done. It is sufficient
to have a change in air flow velocity, however achieved, say, by
heating or cooling the air. In fact, if the air is heated its
specific gravity will be reduced and, consequently, its velocity
will incresse, and this follows from the continuity equation,
written for the condition F‘ - Fz

. . -
Gn=; "r“".:,:—'-
or

The momentum equation makes it extremely simple to solve
many important problems associated with establisbing forces
acting from the gas flow side on the surface of solid bodies that
either confine the flow, or are located in the flow, In addition,
one of the main problems in jet engine theory, that of determining
the thrust Jdeveloped by any type of jet engine, can be solved by
using this same equation, as will be demonstrated in what follows.

An important, special feature of the momentum equation, is
that it can be used to determine the forces that are acting merely
from the known gas state and velocity varameters within a loop
that limits a given flow section, without taking into account
directly the substance of the processes originating outside this
loop.
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8. Moment of Momentum Fquac: jn

The following law of moments of momentum is known from theoe
retical mechanics. The moment of the resultant of all the forces
applied to a body relative to some axis equals the change in the
moment of momentum of that body relative to the same axis during
the time ihe.e forces are acting

Mz == A(mer),
where M is the moment of the resultant of all the forces applied
to a body of mass m;
AT is the time during which the forces acted on mass ms
r is the moment arm;
wcr is the moment of momentum.

Let us apply this law to the steady motion of an elementary
filament (fig. 14), keeping in mind that the moments of the radial
components of the forces, and the momentums with reference to
point O, are equal to zero.

Filament section 1 2 is displaced to position 1' 2' in an
infinitely short period AT. The change in the summed moment of
the momentum of the gas mass enclosed in the volume between
sections 1 1 and 2 2 will after time AT, be equal to the difference
in the moments of the momentum of the &8s enclosed in the element-
ury volumes 1 1' and 2 2' (for the reasons stated earlier, the
moment of momentum of the gas mass in volume 1' 2 is canceled

upon subtration)
’ MAv =0y r My — €\ H M,

where M 1is the moment of the circular component of the resultant
of all the external forces applied to the separated
section of filament 12
-, and m, are the masses of gas in elementary volumes 1 1' and
2 2%

c and €y BT the circular components of absolute ga8s velocities

2u
€, and <y in sections 2 2 and 1 1 (on radii r, and r1).
Since, in the case of steady motion AG=GAx, and
since am, = Am.—-ﬂg- s after the corresponding substitutions and

reductions 0
Me 7(‘:.’:"’:-'1)'

(1.36)

This equation is the moments of momentum equation in hydro-
dynamic form, and is called the second Euler equation,

Equaticn (1.36) demonstrates that in the case of a steady
flow, and with respect to some axis, the moment of the resultant
of 311 the external forces applied to any gas flow section (g-s
loop) equals the difference in the moments, with respect to this
same axis, of the momentums per second of the outflowing and in.
flowing gas.
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v
llln'
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=

Figure 14 The derivation of the moments of momentum
equation,

It is easy to preceed from moment M to external work L done
by the flow, or introduced into it from the outside, equated to
1 kg of gas, For this purpose, equation (1.36) must be multiplied
by the angular velocity w of the displacement of the moment arm
(radius r), snd divided by the rate of flow per second, G

Les e o 2 (=)

C (1.36 a)

In this case of inertial flow motion without friction the
moment of the external forces equals zero (H = 0), and, from
equation (1,36), we obtain

_ Lo Do
Cayle==Cu1y or fw '

that is, the circular velocity component will increase with a
decrease in the radius,
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CHAPTER 2

TURBOJET ENGINES

1. General Information

R Figure 15 is a diagrammatic layout of a turbojet engine with
the principal design cross-sections of its flow section as shown.

Section HH,ahead of the engine 1ntiko. marks the boundary of
external air unperturbed by the engine effect. This means that
through section HH, and to the left of it (on the side away from
the engine),pressure and temperature, Pun and TN, are equal to
atmospheric, and that the air velocity relative to the engine is
equal to the airspeed, V, or to zero, if the engine is at rest.
The parametsrs for conditions and air velocity through section HH
are taken as the initial parameters when making thermal and gas
dynamics computations for the engine.

The principal elements of a turbojet engine are {in the order
of their location, beginning with the intake section a' a')1 the
engine intake section, or intake device, 1 (the section from a' to
a); the compressor, 2 (the section from a to k); the combustion
chambers, 3 (from k to z)j; the gas turbine, 4 (from z to 2 2)
used for compreasor 2, and auxiliary (lube oil and fuel pumps,
etc.) drive only, and not shown in the layout; the exhaust pipe,
or transition chamber 5 (from 2 2 to e); and the jet nozzle, 6
(from &' to e).

The turbojet engine operates as follows. Outside air is
compressed by the compressor, 2, and fad uninterruptedly into the
combustion chamber, 3, into which a continuous fine spray of
1iquid fuel is injected simultaneously by injectors, i. The com=-
bustion product formed as a result of uninterrupted fuel combustion
pass through the turbine, 4, rotating it, and then pass through
the exhauat pipe, 5, and the jet nozxzle, 6, and are discharged
at high velocity into the atmosphere in a direction opposite to
that of flight.

The corresponding changes in pressure, temperature, anu ve-
locity of the gas-air flow inside a turbojet engine running at
rest are shown in Figure 16 (below).

Flgure 1% Diagrammatic layout of a turbojet
engine.
1 = engine intake section, or intake device; 2 « compressorj
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3 - combustion chambers; 4 - gas turbine; 5 - exhaust
pipe, or tranaition chamber; 6 - jet nozzle.

P

Figure 16 Change in air and combustion product
parameters inside a turbojet engine,

Vhen an engine is running at rest the air movement from
section a' a' to the compressor inlet, a a, is subject to reduction
in pressure and temperature, the result of the gradual increase

.in flow velocity, Too, the air pressure in section a' a is re-
duced because of the hydiaulic resistances offered by the engine
intake section,

Air pressure is increased significantly during the compres-
sion process in the compressor (4 to 16 times for a turbojet
engine running at rest in the deasign regime), Air temperature is
increasad accordingly. There is usually little change in the
axial air velocity lengthwise through the compressor, however,

Average gas temperature increases significantly in the
combustion chambers as a result of fuel combustion, and can reach
1150 to 1200° K at the turbine inlet, that is, through section z z.
Higher temperatures are usually not acceptable because turbine
blade destruction can result unless spascial internal turbine
blade cooling is used. The pressure is slightly reduced through
the combustion chambers, the result of hydraulic resistances, and
the acceleration of the gas flow, explained by the increase in its
specific volume, associated with heating.

The gas expands in the turbine (between sections z z and
2 2), so its pressure and temperature are reduced. The absolute
gas velocity increases significant'y in the turbine nozzle as-
sembly (between sections z z and 1). However, the absolute
gas velocity decreases in the turbine roior (between sections 1 1
and 2 2), because some of the kinetic energy acquired by the gas
during its expansicn is imparted to the rotor and consumed in
driving the compresscr 2nd the auxiliaries. The axisal component
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of the gas velocity continues to increase through the turbine,
reaching 300 to 400 m/sec at the turbine outlet (in section 2 2).
This is explained by the increase in the specific volume of the
gas, associated with its expansion,

The gas flows from the turbine into the exhaust pipe, which
must be designed to deliver the gas flow to the Jjet nozzle with
least possible losses. This is why the exhaust pipe i+ shaped
to reduce the gas flow velocity between sections 2 2 and e' e',
In other words, the duct betweer thcse sections is given the
configuration of a small diffuser (the flow section areas in-
creased from 2 2 to e' e').

Further gas expansion takes place in the jet nozzle between
sections e' e' and e e. Gas pressure is reduced, either to
atmospheric, or to greater than atmospheric (see below), tempera-
ture is reduced, but velocity contirues to increase, reaching
550 to 650 m/sec at the engine ou:let (section e e) when running
on the ground in the design regime.

In flight, the velocity head compresses the air in front of
the engine intake, with the result that air entering an engine
in flight has pressure and temperature higher than atmospheric.
Consequently, when all other conditions are equal, the pressure
throughout the engine flow section is increased accordingly, the
pressure drop acroas the jet nozzle is increased, and the result
is an increase in the escape velocity of the gas from the jet
nozzle. The air temperature too wil. increase through the length
of the flow section, including the combustion chambers., However,
the gas temperature maintained at the combustion chamber outlets,
that is, ahead of the turbine (section z z) is not in excess of
the magnitude acceptable for reliable turbine operating conditions.
This is done by regulating fuel delivery, .~ in some engines by
changing the area of the outlet section of the jet nozzla si-
multaneously.,

Thus, in the turbojet engine some of the potuniial energy of
the combustion products, acquired during the preliminary air
compression process and subsequent delivery of heat to the engine
during the combustion process, is converted into mechanical work
in the turbine, transferred to the turbine rotor, and then used
to drive the compressor and the auxiliaries. The kinetic energy
not used in the turbine causes a significant increase in the ve-
locity of the gas flowing through the turbine, The potential
energy unused in the turbine is additionally converted into
kinetic energy during subsequent gas expant.ion in the jet nozzle.
The rerult is a high engine gas escape velucity, one that is



nigher than the airspeed. Consequently, the gas-air flow through
the turbojet engine is accelerated. This causes the reactive
forces absorbed by the engine elements, that is, the jet thrust.
Widely used as well are afterburner type turbojet engines. A
dimgrammatic layout of this engine is shown in Figure 17. It
differs from the preceding type in that it has a second combustion
chamber located between the turbine and the jet nozzle, a so-
called afterburner, in which additional fuel is burned. In both
these engines all the air from the compressor enters the combustion
chambers in front of the turbine and in which the main fuel burns
in an environment containing a significant excess of air. How-
ever, upon leaving the turbine, the combustion products first

enter the afterburner, into which additional fuel is fed and

which burns when mixed with the air that was vnused in the combus-
#on chambers in front of the turbine. The gas temperature in front
of the jet nozzle is increased, leading to an increase in the ve-
locity with which the gas escapes from the nozzle.

Figure 17 Diagrammatic layout of the afterburner
type turbojet engine.

A - afierburner; 1 - intake device; 2 - centrifugal

compressory 3 - combustion chambersy 4 - turbinej

5 - diffuser; 6 - flame stabilizersj 7 - controllable

Jet nozzlej 8 - thermocouple; 9 - afterburner fuel line.

A1l modern turbojet engines burn fuel continuously at
approximately constant ,ressure, These conditions also establish
the princip.l special features of tbe working principle of these
engines.

Characteristic layouts of existing turbojet engines are also
shown in Figure 18, 19, and 20. Multi-stage a:ial-flow compres-
sors, and occasiorally single-stage, double-entry and single-entry
centrifugal compri ssors, are used in those engines. Axial-flow
compressors are most often used in modern turbojet engines. The
turbines used are single-stage, two-stage, and three-stage axial-
flow turbines.
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Figure 18 Layout of a turbojet engine with an
axial-flow compressor.
1 = inlet section; 2 - axial-flow compressor; 3 - combusa
tion chambers; 4 two-stage turbine; 5 - jet nozzle.
There are also engines with twin-shafts (figure 19). These
engines have two axial-flow compressors, one a low, the other a
high pressure, built in tandem, with no mechanical coupling, each
driven by its own turbine (so.called compound compressor),

Figure 19 Layout of a twin-shaft turbojet engine.
1 = lowe-pressure compressor; 2 - highepressure compressor;
3 - combustion chamber; 4 - turbine high-pressure
vompressor turbine; 5 - low-pressure compressor turbine.
The jet nozzles in the engines, the layouts of which are
shown in figures 15, 18, 19, and 20, have the configuration of
simple convergent nozzles, and have a constant, non-adjustable
area of least exit section., However, many modern turbojet engines
use jet nozzles with an adjustable (changed during engine opera-
tinn) exit area, and in many cases also have expansion, or "super-

sonic", jet nozzles (see below).

Figure 20 Layout of a turbojet engine with a
double-entry, centrifugal compressor.
1 -« intake section; 2 o compressorj} 3 - combustion
chambers; 4 < turbine; § - Jjet nozzle.
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Let us, briefly, consider yet other special features of
turbojet engine working principles.

Compressor and turbine shafts are made separately, or integral,
and are mounted in two, three, and four anti-friction bearings,
Journal roller bearings, and journal thrust ball bearings. The
latter, in addition to taking the radial forces, also take the
axial forces generated during turbine and compressor rotation,
The bearings are mounted in the inner atrength housing of the
engine, called the crank case, or the wupport.

All auxiliaries (fuel and lube oil pumps, governors, genera=
tors, etc.) are driven off the compressor shaft through a system
of geared transmission and small, intermediate shafts. All turbo-
Jet engines use governors that automatically maintain specified
rpm, or limit any increase in rpm and gas temperature ahead of
the turbine above their maximum permissible values. Plunger,
or gear pumps are used to deliver the fuel to the injectors at
the pressuro required to atomize the fuel (as high as 80 to 100
ke/cm?).

Engine parts subject to greatest heating, such as turbine
blades, ‘heels, and bearings, combuastion chamber walls, exhaust
Piping, and the like, are air-cooled. In turbojet engines with
axial-flow compressors, air-cooling is usually accomplished by
bleeding air from an intermediate compressor stage. In turbo-
Jet engines with centrifugal compressors, the cooling air is bled
from the cavity at the compressor outlet, or supplied by a special,
separate, impeller, mounted on the shaft between the compressor
and the turbine (!‘iguro 20). The air consumed for cooling usually
will not exceed 2 to 4 % of the toal air flow through the engine.
As a rule, about 2 to 3 % of turbine shaft power is consumed in
driving all auxiliaries and supplying cooling air.

Engine bearings are lubricated and cooled by oil sprayed
on them by special metering injectors (nozzlas), to which the
oil is pumped at a pressure of 2 to & kg/t:m2 by a lube oil pump,
usually a gear type. The oil drains from the bearings into oil
sumps in the engine housing and is returned to the oil tank by
scavenging pumps.

Lube oil consumption is considerably lower in turbojet
engines than in reciprocating engines, because there are not as
many woriing surfaces and because their temperatures are lower,
as well as because anti-friction bearings are used,

2. Turbojet Engine Thrust

The effective thrust produced by a turbojet engine equals
the axial component of the resultant of the forces acting on the
engine and originating in the gas and air flow within the engine
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and in the external air flow washing the engine.

Let us use the momentum equation to determine the effective
thrust, Pagp®
drical separation around the engine (figure 21), the forward edge,
' 1,and side (generators), 1 2, the boundaries of which lie com-
pletely beyond the limits of the air perturbed by the engine, and
the trailing edge boundary surface of which, 2 2, coincides with

For this purpose, let us isolate that coaxial cylin-

the plane of the jet nozzle exit section, e e,
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Figure 21 Determination of the thrust produced
by a turbojet engine.
Keyt A - direction of flight.

The pressure at the end 1 1, and side, 1 2, surfaces of this
un' of the
unperturbed outside air, and its velocity with reference to the

cylindrical separation will be equal to the pressure, P

engine will be equal to the airspeed V,

But at the trailing boundary of the edge surface, 2 2, out-
side the jet of exhaust gases (beyond section e e), that is, at
the annular surface with area equal to (Fz - Fe), the pressure
and velocity of the outside air with reference to the engine will
not be equal to the pressure Pynt ©F to the airspeed V, because
of the perturbation (stagnation) effect of the engine on the ex-
ternal flow. For the same reason, the air pressure and velocity
through the radius of the annular area (F2 - Fe) will be variable,
The gas has pressure Pgt which, in the general case does not equal
pressure p . of the outside air (see below), in the jet nozzle
exit section e e, and an axial discharge velocity equal to c;.

Let us now derive the momentum equation applicable to the
entire flow through the separated cylindrical area between its
normal sections 1 1 and 2 2 equating it to x«x, the axis of sym=
metry of the engine and of the flow, assuming that this axis coe
incides with the direction of flight (at speed V),

It was shown in Chapter 1 that the projection in any direction
of the resultant of all external forces applied to the gas flow
in any section of it, equals the change in the same direction of

the momentum per second in that flow section.
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The external forces acting on the flow under consideration in
the direction of the x-x axis aret

the engine force acting on the internal part of the cylindrical
flow that passes through the engine, and on the external part
that washes it. Based on the law of the equality of action and
reaction in mechanics, this force 1s equal in magnitude but oppo-
site in direction to, the sought for effective thrust, Porr}

the pressure force on end surface 1 1, equal to the product
of the pressure of the unperturbed outside air times the area of
this surface, or punpl'

the pressure force on the end surface e e, equal to the pro-
duct of the pressure in the jet nozzle erxit section times its
area, peFe'

the pressure force on the end surface 2 2, beyond the jet
nozzle exit section Fe' that is on the annular surface. This
force canbs represented by the product p!. (F2 - Fe)' where p!
is the average value of the variable pressure through the radius
of the annular section (F2 - FQ).

The change in the momentum of the entire air mass moving
between sections 1 1, and 2 2 in the cylindrical area under con-
sideration in one second and caused by thke forces listed above
can he represented in the form of a sum

(mcomc; - mairv) + M (V' awv)
where hcomcé - manv) is the change in momentum in the internal
part of the flow passing through the engine
and bounded by the contour Ha'eea'Hjg

M. om is the mass of combustion products escaping
from the engine per second at velocity cé]
m, is the mass of the air entering the engine

per second at an initial velocity equal to
the airspeed;

M is the mass of the air per second flowing
past the outside of the engine through the
annular areas (F1 - Fun) and then (F2 - Fe);

v is the average value of the variable velo-
city of the external air through the radius
of the annular section (F, - Fg).

Thus, it we take the direction of movement of the flow as
positive with respect to the engine, and keep in mind that area
Fl = Fz, the sought for momentum equation can be written in the
following form

Peor * Punfr - peFo - Pun (Fl - Fe) -

= m c! -m
a

comC e VN (vt = v).

i
If we now add + punFe and - punFe to the left side of the
equality thus obtained, after a simple transformation we have
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Pare * MeonCe = Mair? * Fy (Po - pun) =
Loy, = ply) (Fy =F) =M (v-v) 7,

Parr ™ Mcom®e ~ Mair’ * T, (P. - pun) - X, (2.1)

where
X = (py, = phy) (Fy = F) =M (v.-v), (2.2)

The sum designated X is the engine force acting on the ex-
ternal flow of air washing the engine and causing the change in
pressure and momentum (velocity) in this flowi). This force is
equal in magnitude and opposite in direction to the external flow
force acting on the engine, that is, the engine drag force which
reduces effective thrust.

The external engine drag X is coimposed of the drag caused
by air friction on the »uter surface of the engine housing (or
on the engine nacelle in whirh it is located), of the wave drag
caused by the engine intake, which is the force originating from
the outside flow and acting on the engine through the intake flow,
which is shaped by engine effect (contour Ha'a'H in figure 21),
and of the engine wave drag (its nacelle); that is, the force
exerted by the excess pressure from the external flcw on the ex-
ternal surface of the engine (nacelle).

The magnitude of the external engine drag depends on the air-
speed, on englne shape and dimensions, on where and how the engine
is installed in the aircraft, on the effect created by adjacent
aircraft parts, etc. The magnitude of this drag is found through
expsrimental data, and in many cases can be approximated by compu-
tation and theoretically.

The relationships obtained demonstrate that the effective
thrust produced by a turbojet engine is the result of the in-
ternal engine operation process that establishes the value of the
velocity, Cé' and the pressure, Pgo? in the jet nozzle exit section,
and the flow of air and combustion products through the engine,
as well as of external engine drag, that is, the result of the
conditions under which the external washing of the engine takes
place. Moreover, effective thrust, as will be seen, depends on

un)‘
If we disregard external engine drag, assuming X = O, we ob-

airspeed and altitude (on atmospheric pressure, p

tain the so-called internal thrust, equal to

M Expression {2.2) for force X can be obtained from the momentum
equation writien for the outer, annular part of the flow under
consideration, limited from within by the contour Ha'eea'H,
and from without by the contour 1 2 2 1 (figure 21).
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Peamonte ~ Mair’ * Te (Po Pun
or, passing from mass flow to weight flow,

Peg,, /e (6 /G, +cl-V)+F(p, -p,) (2.3)

where Gnir and Gcom are the mass flows of air and combustion
products, respectively, throughk the engine;
g = 9,81 is the acceleration of gravity.

Wave drag is negligibly low at subson!. airspeeds, and air
friction is slight, so, as a practical matter, PP rpe However,
at supersonic airspeeqds the effective engine thrust becomes a good
deal less than the internal thrust, primarily the result of high
engine wave drag (by its intake), and can be 85 to 70 %, or less,
of the internal engine thrust.

It is readily seen that tho internal enginé thrust {or a
given airspeed and altitude is the direct resuit of just the
engine operating process. We will,in what follows,consider just
the internal engine thrust, and refer to it simply as thrust,

Let the weight of fuel burned in the engine in one second
equal G_, kg. The weight ~f the combustion products wili then be
G - Gf + Gnir' kg/sec, &'d the corresponding weight of air cone

com

sumed will equal Ga =Q |°Gf, kg/sec, and

ir

Gcom/cair =1+ a"o/q' !

where ,o is the quantity of air theoretically required for the

ol

complete combustion of 1 kg of fuel;

@ is the excess of air coefficient, a = G, / 1,6
Therefore, equation (2.3) can be rewritten
Pa= Gair/g (1 + alo/a 1, c;-V) + P (p-p,,)- (2.4)
Ordinarily & 2 3, and lo = 14 to 15 for a turbojet engine,
so 1+ 10/ 1o 1, providing a simpler, and sufficiently accurate
formula for establishing the thrust
Pa c.au_/g (c;-v) + Fa(pa-pun). (2.5)

Accordingly, we obtain the following for engine operaiion
at rest when V= O
Po® Gair/g *cq T, (pe - pun) (2.6)
If the expansion of combustion products in the jet nozzle
is completely terminated, the discharge velocity, Cos will be
higher than the discharge velocity, c;. for incomplete expansion,
all other conditions being equal, and a pressure equal to the ex-
ternal pressure will be established in the jet nozzle exit section,
Now, because pe *= Pun' the expression for the thrust will assume
the following form
P=G, fe(c, - V). (2.7)
Accordingly, when the engine in running on the ground

P = Gair/g ¢ Cqe (2.8)
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Vhen combustion product expansion in the jet nozzle is in-
complete, the thrust reduction the result of the reduction in
their discharge velocity (c; < c.) is not completely compensated
for by the supplemental force F.(p. - pun)' so engine thrust is
reduced, as compared with that found in the case of full expansion.

3. Turbojet Engine Efficiencies,

The losses incurred during the processes of converting the
heat introduced into a jet engine in the form of chemical fuel
energy into external work performed by the engine thrust (impart-
ing movement to the flying machine) are evaluated successively
in terms of three efficiencies: effective effiolency n o' prepulsion
effieiency q'. and ecseneaie, or tetal, efficiency L

Effective efficiency is the ratio of the heat, equivalent
to the increase in the kinetic energy of the gas and air flow in
the jet engine, and to the consumed heat, that is, to the heat
introduced into the engine in the form of chemical fuel energy.

W¥hen gas expansion in the jet noszzle is complete, when the
discharge velocity from the nozzle equals Cyr the increase in the
kinetic energy of the gas and air flow in the engine is the dif-

2
ference c.Gco-/Zg -V 0.“_/2;. and the heat consumed equals the

fuel consumption, Gf, multiplied by the calorific value, Hu, so
effective efficiency will equal
2 2
N, = A (c[G,  o-VC,, /260.H,, (2.9)
where A = 1/427 is the thermal equivalent of the mechanical
energy.

But if, as before, and for the sake of simplicity, we assume

that G _/G a1, and lub.rt}twto Gy /O =0 1]
TH, {2.10)

where ”._:’_,' is the amount of heat consumed per kg
o

air

SES

L

of sir flowing through the engine.
Yhen the engine is running at rest, that is, the velocity
is V= O, E
T,

s
. = % =,

(5 (2.11)
When gas expansion in the jet nozzle is incomplete, the ef-
fective efficiency, as well as the efficiencies that will be dis-
cussed below, can be established conveniently with respect to
the squivalent discharge velocity.
The equivalent discharg: velocity, coq' is here understood
to mean the velocity that would be required in the event of
complete gas expansion in the jet nozzle to obtain thrust equal
to the thrust provided when gas expansion is incomplete, but air
flow, G-“_, and airspeed, V, are the same, Accordingly, in order
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to establish the equivalent discharge velocity, Coq! v® must
equate the right sides of the expressions at (2.5) and (2.7) to
each other, and obtain

Coq ™ Co * gFe/Gair (pe - Py,)
and further, for the effective efficiency: A thy V?

T

The effective efficiency takes into account all the losses
that take place during the conversion of heat into kinetic energy
in the engine:

the heat carried away from the engine by the combustion pro=
ducts, which leave the engine at a temperature considerably higher
than that of the surrounding medium;

heat losses in the combustion chambers due to incomplete fuel
combustiong

heat losses to the surrounding medium uirectly through the
combustion chamber walls, turbine housing, the walls of the ex-
haust pipe and jet nozzle, as well as the heat given off to the
air that cools the engine parts (turbine blades, turbine wheel,
etc.), and to the oil that cools the engine bearings;

energy consumed in driving the auxiliaries;

energy consumed in overcoming hydraulic resistance in the
flow section of the engine, and the friction in its bearings, which
in the losg run leads to some increase in the temperature of the
gas departing the engine, and in that of the oil flowing through
its bearings and mechanisms.

Thus, the effective efficiency establishes the percentage
of consumed heat converted into kinetic, that is, into the energy
of the gas flowing through the engine. The effective efficiency
describes the efficiency of a turbojet engine as a heat engine, so
from this standby can in essence be compared to the effective ef-
ficiency of the reciprocating engine, for example.

For existing turbojet engines running the ground, the heat
carried off by the combustion products leaving the engine is 65
to 75 % of the heat introduced into the engine with the fuel, and
all other heat losses amount to about 3 to 5 %. Accordingly, under
these conditions the effective efficiency is in the neo = 0,20
to 0.30 range, reaching appreciably greater values under flying
conditions (see below).

Propulsion efficiency is the ratio of the external work pere
formed by the engine thrust to the increase in the kinetic energy
of the gas flow it picks up in the engine

2 b
n, = PV / G/ (c; - v7) 2,12)

where PV is the external work performed by the thrust in flight

in one second, or the engine power,
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If we establish the thrust through the formula at (2.7), the
expression for propulsion efficiency will be in the following
form after reduction AU ERS]

Te=m T T !

or, after reduction by the difference (ce - V)

LS SN (2.13)

The external work performed by the thrust and imparted to
the flying machine is the direct result of the use of the kinetic
energy acquired by the gas flow in the engine., But, not all the
kinetic energy of the flow is converted into thrust work, Actually,
the gas flow leaving the engine has an absolute velocity (the ve-
locity relative to the ground) obviously equal to the velocity
difference (ce - V)., Consequently, that part of the kinetic

energy of each kilogram of gas leaving the engine not converted
[P 4

into thrust work, that is, the lost part, equals
Propulsion efficiency also takes this loss of kinetic‘

energy into account.

As will be seen from the expression at (2.13), propulsion
efficiency is only dependant on the discharge velocity of the
gases from the engine and on the airspeed, Propulsion efficiency
will increase with » reduction in this ratio. This is under-
standable because the closer the discharge velocity, Cot approxi-
mate the airspeed, V, the lower the absolute velocity at which
the gas flow leaves the snginea, and the less will be that part of
the kinetic energy remaining unused.

When the gas discharge velocity relative to the engine, Cqt
equals the airspeed, V, propulsion efficiency equals unity be-
cause the absolute gas velocity as it leaves the engine, (c. -v),
equals zero. But, according to the formula at (2.7) engine thrust
becomes zero.

¥When the engine is running on the ground and airspeed 13
vV a 0, the propulsion efficiency is np = 0, becaure no thrust
work is performed, and all the kinetic energy of the gas flow at
the engine oL:ilet is unused.

Thus, propulsion efficiency indicutes how muzh of the kinetic
energy acquired by the gas flow in the engine is converted into
external thrust work. Propulsion efficiency describes the ef-
ficiency of the turbojet engine as a propelling device, that is,
ae a device designed to gensrate thrust. Therefore, the pro-
pulsior efficiency of the Jot engine should be compared to the
efficiency of an aeriasl propeller.

The propulsion efficiency, "p' of existing turbojet engines
ranges over broad limits, depending on airspeed, altitude, and
engine operating conditions, but as a rule will not exceed 0.60
to 0.65.
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Economic, or total, efficiency is the ratio of the heat con-
verted “nto external thrust work to the heat consumed, that is,
introdvzed into the engine by the fuel

n, = APV/G,H = APV/G . HI (2.14)

from whence, and based on the nreceding relationships,
Mg = M, (z.15)

Thus, total efficiency equalis the effective efficiency mul-
tiplied by the propulsion efficiency and, thus takes into account
all the energy losses listed above as the chemical energy of the
fuel consumed is converted into external thrust work. Total ef-
ficiency establishes the percentage of the consumed heat converted
into external thrust work transferred to the flying machine, thus
completely describing the efficiency of an engine in flight.

The total efficiency of an engine running at rest is zero,
because the propulsion efficiency is T|p = 0. The total in-flight
efficiency of existing turbojet engines can have values T t ™ 0.20
to 0.30.

4, Specific Parameters of lurbojet ines

The in-flight operational qualities of jet engines are most
conveniently evaluated through specific parameters.

The principal specific parameters of turbojet engines are:

specific thrust;

specific fuel consumptionj;

specific weight;

specific drag.

Specific thrust, psp' is the ratio of the engine thrust to
the weight flow per second of air through the engine

P =P/G { kg - sec/kg of air 7. (2.16)

sp air

Now, using the formulas at (2.6) and (2.7), we can write the
following for specific thrust

S & -
Psp =cl v/ g+ re/cah_ (pe pun). (2.17)
If Py ™ Py (complete gas expansion in the jet nozzle)
psp:ce-V/g. (2.18)
If v=20
PSPO = ce/g . (2.19)

Specific thrust can be expressed in terms of the effective
efficiency of the engine by establishing the discharge velocity
of the gas from the jet nozzle through the formula at (2.10) and,
substituting the result in the formula at (2.18), obtain

P = 1 g T .
sp 7 V% Ha+ v s
and for engine operation at rest
P - ' " g
sp l/ 2H, -

gA Tes
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Consequently, the specific thrust of a turbojet engine de-
pends on its effective efficlency, and on the amount of heat
given up to one kilogram of air flowing through the engine. The
greater HG and ’19, the greater will be the specific thrust of
an engine at a given airspeed.

But, the greater the specific thrust, the smaller will be
the welight flow per second of air through the engine required

for a given engine thrust p, because p = p and, conse=

spcai ~?
quently the smaller the diametric dimensions and weight of the
engine, all other conditions being equal.

Specific fuel consumption, Csp, is the ratio of the fuel
consumption per hour for an engine to i*s thrust,

Cop = thr/p [ke/kg of thrust hour] - (2.20)

Specific fuel consumption for a turbojet engine can be ex-
pressed in terns of specific thrust, based on the following re-
lationships. It is obvious that

= thr/P G = 3600 ct/PspcMr,

C
sp sp air
where G‘. and Gair are the weight flows per second of fuel and
air, respectively.
But, the ratio of fuel consumption to a.r flow is
Gf/c'air ™ 1/310,
s0o we can finally write

Csp = 3600/0.109”). (2.21)

Specific fuel consumption is also associated with engine ef-
ficiency. In fact, ftrtom the formula at (2.110)

Psp = Hunt/'xloAV.

Now, after substituting this expression for Psp in the

formula at (2.21), we obtain C . mar

L (2.22)
from whence it follows that specific fuel consumption, Csp. des-
cribes the thermal efficiency of an engine in flight only for a
riven alrapeed.

Specific fuel consumption is an important operational mag-
nitude. 1\ll other conditions bheing equal, the smaller Csp the
greater will be the aircraft's range and flying time.

Specific engine weight, Yen' is the ratio of engine welight,

Gen' to its maximum thrust
Y on ® Gon/P &&/kg of thrust]. (2.23)

en
The lower specific engine weight, the lower the weight of
the engine installation for a sapecified amount of thrust, and
this, in turn, can to a considerable degree be reflected in such

important aircra’t datn ns ceiling, payload, range, nnd speed.
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Specific drag, Pdrag’ is the ratio of maximum engine thrust

to the area of its greatest croass-section
Pdras = 1=/1rd”ls [kg/m2 7 (2.24)

Specific drag indirectly characterizes the aerodynamic drag
of the engine installation in flight. The greater the 'specific
drag, the umaller the percentage of engine thrust expended in
flight in cvercoming the drag caused by engine installation in
the aircraft.

The specific parameters for the same type of engine will change
with change in airspeed, altitude, and atmospheric conditions,
bocanse thrust, weight flow of air, and fuel consumption per hour
change (see below). Too, the magnitudes of the specific para=-
meters cepend on aircraft operating conditions. Therefore, spe-
cific parameters obtained for engine operation at rest (V = 0),
on the ground (H = 0), and under standard atmospheric conditions,
that is, at an atmospheric pressure of p_ = 760 mm mercury column,
and an air tempurature of t =+15°C (288°K), are usually taken as
the initial magnitudes. Given these conditions, existing turbo-
jet engines have a maximum specific thrust of Psp = 50 to 70 kg -
sec/kg of air, and a specific fuel consumption of © Csp = 0,76 to
1.10 kg/kg of thrust hour, depending on engine operatito:g conditions.

The values for the specific weight and specific drag for
modern turbojet engines are v s = 0.2 to 0.4 kg/kg of thrust

o
and pd!‘uso = 2500 to 8000 kg/m?,°respectively.
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CHAPTER 3

THERMODYNAMIC PRINCIPLES OF TURBOJET ENGINE
OPERATION

1. General Considerations
Let us, in order to develop and analyze the principal pro-
perties and special features of the turbojet engine, start out

by using ideal thermodynamic cycles.

An ideal cycle is understood to mean a simplified, condi-
tional way of combining the operating processes that take place
in an engine, one that is a closed, and reversible, cycle con-
sisting of highly simplified thermodynamic processes.

Accordingly, the following simplifying assumptions are made
for ideal cycles: air is the working substance throughout the
cycle; the heat capacity of this air does not depend on its
temperature; there are no losses (thermal, hydraulic, or mechan-
lcnl) in any element in the engine, with the exception of the
necessary removal of heat to a cold source, without which and 1in
accordance with the second law of thermodynamics, the continuous
conversion of heat into work would be impossible.

As a result of these assumptions, all engine parameters in
the case of the ideal cycle have limits, and the degree to which
these same parameters for the real engine approximate these limits
is what determines the efficiency of the latter.

The combustion stages in all existing turbojet engines (as
well as in other types of gas turbine engines) are based on the
thermodynamic cycles during which heat is supplied at constant
pressure. Realization of these combustion stages requires no
special gas distribution devices, and results in a simple, re-
liable, and quite efficient engine design, in which all elements
function with the flow of air and gas continuous and steady. Then
too, the design of these engines can be improved, 1if desired.

The simple cycle with adiabatic air compressaion and ex-
pansion, and the cycle with staged heat supply and adiabatic air
compression and expansion, are the principal thermodynamic cycles,
with heat supplied at constant pressure, in modern turbojet engines.
A cycle with isorhermic air compression and adiabatic air expansion
is used in some instances as the basis for the turbojet c.gine
combustion stage.

In consid:ring these cycles as applicable to gas turbine
engines, one must be aware of the «ineti. -nergy of ths working
substance, as well as of its potential energy, bLecause its flow
velocity in the engine flow section is quite high. With this in
mind, we will take it that the air flow is stagnaied at all points
in the cycles, with the exception of their initial points (the
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external, unperturtcd air conditiony that is, section H H in
fig. 13) and the.r end points (the condition of the air, or gas,
at the engine exhaust; that is, section e e), so that air flow
pressure and temperature are higher than static pressure and tem=-
perature, respectively.

Moreover, magnitudes like work, amount of heat, and kinetic
energy will be equated in all cases tc one kg of air flowing
through the engine, and it will be assumed that the air expands
to atmospheric pressure in the jet nozzle.

Tn what follows ground pressure and temperature of atmospheric
air will be designated by Po and To' and at an altitude of H>0 will
be designated by Py and TH'

Finally, it is appropriate to note that the cycles, and the
basic conclusions considered and arrived at in this chapter can
also be applied to turboprop and dual-flow turbojet engines.

2, Cycle with Heat Input_at Constant Pressure and with Adiabatic

Compression and Expansion
The ideal cycle with heat input at constant pressure and

adiabatic compression is shown by the pv and TS diagrams in
figure 22 for the case of engine operation in flight, and in
figure 23 for in situ engine operation. This cycle consists of
the fo.lowing sequential processes.

1. Air compression along the adiabat Hk, achieved in flight
initially as a result of air stagnation by the engi.e, that is,
as a result of the velocity head of the meeting flow of ml-
(section Ha), and subsequently in the compressor (section ak).

2. The input from without of heat Ql to the air along the
isobar kz in the combustion chambers.

3. Air expansion along the adiabat ze, initially in the
turbine (section z2) ara subrequen.ly in the j=t nozzle (section
2e). Point 2 sstablishes the condition of the stagnatec air
beyond the turbine driving the compressor.

4, Heat Qz given up by the air along the isobar eH (accord-
ing to the second law of thermodynamicu) vo the cold source that
is the surrounding medium. This process, a closed cycle, is con-
ditional for the engine because it actually takes place outside
tl.> engine and corresponds to the heat transfer from the gases
leavin~g the engine to the surrounding air.

In the pv diagrams all of the work done to compress the air,
Lc. is depicted by the area Hxl1, consisting of area Hal'l, cor-
responding to the compression work Lcc done by the velocity head,
and the area akii', corresponding to the compression work L:d
done in the compressor (rig. 22). VWhen the engine is running in
situ the compression work done by the velocity head obviously
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equals 2ero, and the total compression work in the cycle is de=-
picted by area Ok41 (fig. 23).

Figure 22: Cycle with heat input when p = const
and with adiabatic compression [V > 0).

Figre 23 Cycle with p = convt when V = 0.

Total air expansion work, Lex' is depicted in the pv diagram
"y the ares thze, consisting of area 3422, the expansion work done
i the turbine, and of area 32el, the expansion work done in the
jet nozzle.

‘ince the turbine in a turbojet engine drives the compressor,
and if there are no losses, something that is characteristic of the
ideal cycle, the expansion work done in the turbine should equal
the compression work done in the compresso;, and, consequently,
area 34z2 equals area akl1',

The: useful work done in the cycle, Lt' equals thae difference

Lt = Lex h Lc
and is depicted in the pv diagrams by the area Hkze.
The heat, equivalent to the useful work of the cycle, equals
Aly = Q, - q
and is depicted by the area Hkze in the TS diagram. The area 1lkz2
in the same diagram corresponds to the heat added to the cycle QI
and the area 1lHe2 corresponds to the heat removed from the cycle,
Qye

In a turbojet engine, and in accordance with its principle of
operation, the work of the cycle goes to increase the kinetic
energy of the air flowing through the engine, This can be established
through the pv diagram in figure 22, based on the following con-
siderations. The total work done during the expansion of the air
from full pressure beyond the turbine Pos (point 2) to atmospheric
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pressure, p., (point e), and depicted by area 132, goes to in=
crease the kinecic energy of the air in the jet nozzle at the ex-
change of which the air velocity equals ce':1 so we can write
czt / 2g = area 132e.

Area 132¢ can be represent~d in the form of a sum of areas

area 132e = ‘r a H3'2e + area 1'53'a + area 11'aH.

But tha equality of areas akd1' and 3422, established above,
that is, the equality of the work 'ione by the turbine and the
compressor, also makes areas 1'33'a and 3'kz2 equal, and the sum

of area H}'2e + arsa 3'kz2 = area Hkze = Lt' so
02 /28 = L_ + area 11'aH.
e, t

Since area 11'aH is compression work Lcc done by the velcitiiy
head, that is, the result of the kinetic energy of the meeting
flow, V2/23, in the case of complete stagnation

(3.1)
and, for in situ operation, when V = O
I
L=k,
where cet is the velocity of the flow from the je: nozzle when
there are no engine losses, that is, the ideal velocity;
v is the initial velocity of the air relative to the

engine, equal to the airspeed.
Thus, the work of the cycle, Lt'
used to accelerate the air flow throigh the engine, and thrust is

in a turbojet engine can be

obtained as a direct result of this process.

The efficiency of the ideal cycle, or the degree to which the
heat input is converted into uszful work, can be evaluated by the
thermal efficiency Ny which equals the ratio between the heat
converted into useful work, Lt' for the ideal cycle, and the heat

expended, Q',

or

(3.2)

For the cycle under consideration (equating all magnitudes
to one kg of air) we can write
Qo= o (T Ig%
Q =c (T, —Ty

where cp is the specific heat at constant pressure.
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Substituting these expressions in the formula at (3.2), and
converting, we obtain

7,
= l.—.;"."..-

From th2 equations for the expansion, ze, and the compression,

Hk, adiabats, we have

oy

or

(3.3)

The ratio of the total pressure, p:, at the compressor outlet
to the pressure, Py of the external, unperturbed air, that is
is called the summed compression ratio and is one of the most
important turbojet engine operating parameters. The stummed
compression ratio can be represented by the following product

n'=-£,9-’—"=z 34
¢ p, My €cC
where é==£$-— it the compresaor compression ratioj
a
E£=§i-— is the velocity compression ratio;
"
- is the total air pressure at the

compressor inlet (through section a a).
The assumption for the ideal cycle is that velocity compression
(stagnation) of the air, and its flow through the engine are loss-
less, adiabatic. Therefore, in the ideal cycle the total pressure,
p;, at the compressor inlet equals the total pressure, pﬁ, in the
external, unperturbed air, and the velocity compression ratio can
be established through the already known formula for the pressure

of an adiabatically stagnated flow

. __I';_/_=_ PYCERLA
BTy T (O (3.4)

cc Iy

where M, = V/aH is the Mach number for the flight;
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Y
ﬂu==VﬁﬂﬁZ~— is the velocity of sound in an unperturbed
atmosphere, where the air temperature equals
TH'
As will be seen from the formula at (3.4), the velocity
compression ratio, m 'cc' increases with an increuase in airrpeed,
V, when nH = const (that is, TH - const), as well as with a dee
crease in the external temperature (that is, in aH) when V = conat,
and consequently with an increase in altitude (so long as tempera-
ture T, decreases with altitude).
There is no velocity air compression during in siiu engine
operation (V = O or M, = 0), and in accordance with the formula
at (3.4), and with no losses, nx . = 1, s0, in this case

e G
and T

]
n,=1——pr. (3.5)

cF

Turning now to the dependencies obtained above for the thermal
efficiency, ﬂt, we can draw the following important conclusions
for the cycle under consideration.

t+ The thermal efficiency of the cycle depends only on the
summed air compression ratic and increases steadily with the in-
crease (fig. 24) in the ratio, because with an increase in ﬂ: there
is an increase in the air ratio after heat Q1 is added, and as a
result the relative amount of heat, Qz, transferred to the surround-
ing medium is reduced.

2. The thermal efficiency increases with an increase in air-
speed and altitude, as well as and only with a decrease in the out-
side temperature, because the velocity compresstion ratio and, con-
sequently, the summed compression ratio increase.

The thermal efficiency of compressor compression ratios in
¢ = 0.38 to 0.48, increasing
to “c = 0.5 to 0,6 and higher in flighs (reaching these values at
MH = 1 and H = 11,000 m, thanks to the corresponding increase in

existing modern turbojet engines is n

the summed compression ratio, ﬂ:).
We note, for purposes of comparison, that aviation piston
engines that operate on the ideal cycle principle wherein heat
input and heat transfer occur at constant volume, have a thermal
efficiancy not in excess of “t = 0.5 to 0.6 for compression ratios
used and this does not depend, as we know, on airspeed and altitude.
The useful work, Le, of the cvcle not only depends on thermal
efficiency, bu! also on the amount of heat, Ql. added to the cycle,

since from the foregoing 1 __th
T A "
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The work of the cycle increases continuously with increase
in the compression ratio, M :. when Q' = const, the result of the
increase in the thermal efficiency, "gr However, since

-l
R me (= Ty ey (=T, ).
the increase in ﬂ: when QI = const and TH = const will be accom-~
panied by a simultaneous increase in the maximum temperature, T',
of the cycle, that is, in the temperature in front of the turbine.

However, if the maximum temperature of the cycle remains
constant with an increase in the compression ratio ":. an increase
in thermal efficiency will be accompanied by a simultaneous re-
duction in the amount of heat, Q‘. added, the result of the rise
in temperature T:, when T; = const., The result will be an initial
increase in the useful work of the cycle with increase in the
compression ratio, ":. when T: = const, caused by the intensive
increase in the thermal efficiency, jt' reaching a maximum at
some optimum compression ratio™ g . Work Lt will then decrease
because the increase in the thermggtefficiency increases with less
and less intensity (fig. 24) with the considerable increase in ﬂ:,
while Q‘ continues to decrease.

Calculations show that

- T:.&l
= 7 .
opt i

What follows from the foregoing is that the optimum summed
compression ratio does not depend on airspeed (Mach number, MH)
and increases with increase in altitude, that is, with a decraase
in the temperature, TH' of the atmospheric air. In addition, the
higher the temperature, T:, in front of the turbine the higher will

be n: , all other conditions being equal.
opt
The simple cycle, with heat input at constant pressure and

with adiabatic compression and expansion, reviewed here is at the
basis of the combustion stage in all presently existing turbo jet
engines, as well as in other types of aviation gas-turbine engines

{(dual-flow and turboprop engines). |—-— T —————

WY st sy ——

| | |
T 75 75 20 25 Jo U5 nt
Figure 24 Dependence of thermal efficilency
on compression ratio ":.
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3. - u Co. n u

The ideal cycle for a turbojet engine with two-stage heat
input at constant pressure and with adiabatic compression is de-
picted by the pv and TS diagrams in figure 25, This cycle com=-
prises the following processes:

air compression along the adiabat Hk as a result of the
velocity head and in the compressor)

first heat input, q; s along the isohar kg in the first
combustion chamber ahead of the turbine; in the TS diagram this
heat is depicted by the area 1kz2'j

air expansion along the adiabat 22 in the turbineg

second heat input, Q?. along the isobar 22f (depicted in the
TS diagram by the area 2'22f3) in the combustion chamber between
the turbine and the jet nozzlej

final expansion along the adiabat 2fe in the jet nozzlej

heat transfer, Qz. along the isobar eH (depicted by the area
tHe3 in the TS diagram) to the outer medium.

The useful work, L in the cycle under consideration is

t'
depicted by the area Hk22fe in the pv diagram, and its heat equi-
valent by the area bounded by the outline with the same desig-
nations as in the TS-diagram. In this diagram the area 1kz22f3

corresponds to the total heat input, Q‘ = Q; + Q?.

+ 1§ I
Figure 25 Cycle with two-stage heat input.
The thermal efficiency of a cycle with two-stage heat input

is obviously equal to

e lem
' Q + @

The amounts of heat, Q; and Q?. added in a two-stage cycle,

are equal to
Q= (Te—Tg)
Q= (71— T3
A detailed analysis reveals that the thermal efficiency of
the cycle with s“aged heat input not only depends on the compressor
compression ratio ng. but also on the temperature, T:, in front
of the turbine, or on the amount of heat, Q;, and on the tempera-
ture Tgf. at the end of the secondary heat input, Q:, or on the
amount of that heat.
The corresponding calculations will permit drawing the fol=~
lowing conclusions for the cycle with staged heat input.
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f. The thermal efficiency of the cycle will increase con=-
tinuously with increase in the compression ratio, m ' if at the
same time the condition that Q' = const and Q" = conle is observed
(curve 2 in fig. 26), because eho amount of hent transferred, Qz.
i reduced as a result of the reduction in the end temperature,

T y» of the cycle.

2, The thermal efficiency has a maximum with respect to H’
(curve 2' in £ig.26) when therse is an increase in the comprollion
ratio, w:. and constant temperatures, T:, in front of the turbine
and, Tg + in front of the jet nozzle, all other conditions being
equal.

3. Thermal efficiency decreases continuously with an increass
in temperature, Tg s that is, with the amount of heat input, Q
whenn * & const and T# » const (fig. 27). This effect of T$ (or
Q") on thermalefflciency is explained by the fact that the hg-t
input, Qz, is accomplished at reduced pressure P, < P.s 80 the
summed amount of heat, Q' Q' + Q increases at a slower rate
than does the amount of heat, Qz, trnnsfarred, the result of the

increase in Q"

K ‘ ' , _J
s t
. 0o,
NL 'r:'-mlsf'/ s '-:'?ﬁ
% -
r.l- i ,":\.".._"_”_"'
i

L e e [ M —

1 I e

'i"'—w-—l— e

[ oo EY)

Figure 26 Dependence of thermal ef'ficiency on
compression ratio for a two-stage cycle.
Legend:
A - Q; = const and Q? = const

A more detajled analysis reveals that with all other con=
ditions being equal, the thermal efficiency of the cycle under
consideraticn increases with an increase in airspeed and altitude
(with a decrease in temperature, Ty ), Jjust as did the efficiency
of the simple cycle, because of the increase in the summed com-
pression ratio.

This is the basis for the conclusion that the cycle with
staged heat input is always less efficient, given the same com=
pression ratios, than its the sfmple cycle, that 1is, the cycle with
single-stage heat input, This can be seen, in particular, from
the curves in figure 26, where dashed curve | indicates the change
in the thermal efficiency of the simple cycle. One can be per-
suaded of this fact by superposing both cycles in a TS diagram,

As was done in figure 25 in the case of identical ":. for equal
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amounts of heat input q, (areas 1k322,3 and 1kzlb are equat)

and for the same initial conditions, As will be seen, in this
case the staged cycle is actually less efficient than the simple
cycle (Hkllol), because of the great magnitude of heat transferred,
Qz (nrol 1He3} 1is larger than area IHolb). However, as we ses,

the first cycle takes place at a lower temperature, T:. in front

of the turbine.

If the comparison of the cycles in question takes into con=
sideration the fact that they have identica) compression ratios,
and identical maximum temperatures in front of the turbine, the
advantage with respect to efficiency will, as before, &0 to the
simple cycle. This even follows from the curves in figure 27,
where points 1 are the magnitudes of the thermal efficiency for
the simple cycle. But then the useful work of the staged cycle
Proves to be greater in this case than the work of the simple
cycle, as will be seen from the diagram in figure 25.

Thus, the use of the staged cycle results in a significant
increase in useful work, Lt’ and, consequently, in the specific
thrust of the engine, without increasing the temperature in front
of the turbine. This is why the staged cycle is widely used
today as the basis for the combustion stage in turbojet engines
(with afterburner), despite the fact that its efficiency is lower
than that of the turbojetngggi2:~rifhithe simyle cycle.

R

o e
Figure 27 Dependence Jf 1, on the’temperature in
front of the jet nozzle for the two=stage
cycle.

b. Cycle with Heat Input at Constant Pressure and with
Isothermic Compression
The ideal cycle with heat input at constant pressure and
with isothermic compression is depicted in the pv and TS diagrams
in figure 28. This cycle differs from the preceding ones in
that the compreseion process does not take place along an adiabat

but along an isotherme, Hk, and is a simple diagram of the com-
bustion stage for a turbojet engine with air cooling in the com=~
pressor.

¥

Figure 28 Cycle with isothermic compression.
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The useful work, Lc, of the cycle, and its heat equivalent,
ALt. are depicted, respsctively, by the areas defined by the con-
tours Hkze in the pv and TS diagrams.

The heat added to the cycle, Q'. is depicted by the area
1kz3 in the TS diagram, and the heat removed, Qz. is depicted
by the area tkHe3. Heat Q, is composed of heat Q (area 2He3)
removed along the isobar He, and heat Q} (area 1kH2) removed
during the isothermic compression process, Hk,

Accordingly, we can write the following for the thermal ef-
ficiency of the cycle: _05_*-0_:

[

Since the temperature is constant during isothermic compres-

sion (T: = TH) : Q= (Ty—=Ty) =Ty (3 —1),

n=l—

i,
where 5=—=7‘—’. .
The amount of heat expelled during isothermic compression
is precisely equal to the work of isothermic compression, exe

pressed in thermal units .
= ART 1 e
"

Now, substituting the dependencies for Q“ Qg. and Qé in the
expression for nt' we can, after simple transformations, obtain

- » =1
=1 ——tl, —= -—1+Inr.:"'-'—\_

.
tl

This expression is the basis for the following conclusions
with respect to the cycle with isothermic compression.

1. The thermal efficiency of the cycle depends on the
compression ratio, and on the temperature ratio§ = T;/TH N
that is, on the amount of heat, Q', added to the cycle.

2, The thermal efficiency increases with increase in the
compression ratio, when 5 = const, reaches a maximum for some

valuen #* s and then decreases.
copt
This is explained by the fact that heat Q,",, expelled along

the isobar eH, decreases with increase in ﬂg, when § = const,
o? of the
cycle, and that heat Qg, expelled during compression, increases

the result of the reduct‘on of the end temperature, T

simultaneously. Initially, the effect of heat Qé predominates,
the expelled heat, Q2, is reduced despite the increase in Qé‘,
and '\t increases. Then, because of the significant increase in
"E' the increase in heat Qi: begins to predominate, resulting in
an increase total expelled heat, Qz, and "t is reduced.

3. The thermal efficiency increases continuously with the
increase in § (or T#,when T, = const), that is, with an in-
crease in the amount of added heat, Q‘, when vv: = const. This
is explained by the fact that here the expelled heat, Qz, in=-
creases at a slower rate than the added heat, Q', because heat
Qz increases only because of the increase in qé. while its other

60
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component, Qs. remains constant becauss ﬂg = conet,

Given the same compression ratio, and any value of s the
thermal efficiency of the cycle with isothermic compression is
always lower than the efficiency of the simple cycle with adiabatic
compression,

However, given identicalnm : and T:, the useful work of the
cycle with isothermic compression proves to be greater than the
ueeful work of the simple cycle with adiabatic compression,
despite its lower efficiency, the result of the greater amount
of heat, Qi' thus added to the cycle with isothermic compression
(greater by a magnitude proportional to the area Hkk.d in the
diagram in fig. 28).

As a result of the positive aspects mentioned above, the
cycle with isothermic compression is used in individual cases as
the basis for the combustion stage in turbojet engines in which
compressor air cooling is by water injection (see below).

5. Cye th Thermal Regene ion

Thermal regeneration can substantially increase the effi-
clency of gas turbine engine cycles without exceeding practi=
cally permissible temperatures and pressures.

Thermal regeneration is understood to mean the use of some
of the waste heat, Qz, to heat the compressed air fed into the
combustion chamber from the compressor,

A diagrammatic layout of a gas turbine engine with therma)
regeneration is shown in figure 29, In this engine, the air is
compressed in compreasor 1, and flows into heat exchanger 2,
where it is heated by the hot gases leaving the turbine. The
heated air then flows into combustion chamber 3, into which pump
5 injects fuel. Correspondingly, combustion products from com-
bustion chamber 3, after flowing through turbine 4, the prime
mover oif compressor 1 and propeller 6 (or another energy cone-
sumer), flow into heat exchanger 2, and from there are discharged
to atmosphere after giving up some'of their heat to the compressed

. z
air. L,
oo e—
ﬁ L,____Jn=ﬂf Fieg e ==

s o L
s 1

] 1 'I_‘_-—\.I
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Figure 29 Layout of a gas turbine engine with
thermal regeneration.

1 « compressor; 2 - heat exchanger; 3 - combustion
chamber; 4 - turbine; 5 - pump; 6 - propeller,

Figure 30 shows the cycle with heat input when P = const,
and with maximum possible thermal regeneration in the ideal case,
that is, if the compressed air has been heated in the heat ox=
changer to the temperature of the combustion products at the
turbine exhaust, and in which
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ok is the air compression process in the compressor along
the adiabatj

k! is the isobaric process of heating the compressed air
with exhaust gases in the heat exchanger}

k'z is the process of external heat, Q‘, input along the
isobarg

ze is the process of adiabatic expansion of gases in the
turbinej

ee' is the cooling of the waste gases in the heat exchanger,

that is, the isobar of the heat output, Qp, from the
gases to the compressod air being heated;

e'0 is the process of yielding heat, Qz. to the external
medium. ’ §

%) |
oz 7 4.5
Figure 30 Cycle with thermal regereration in the
case of adiabatic compression,

The heat Qp yielded by the exhaust gases to the compreased
air they are heating in the heat exchanger, is represented by the
shaded area Je'eld in the TS diagram, or what is the same thing,
by the area lkk'2., So far as the cycles are concerned, this is
internal heat in constant circulation, as if in a closed circle.

Heat, Q‘, added to the cycles from the outside with thermal
regeneration, is represented by the area 2k'z4 in the TS diagram.

The heat not used in these cycles (after subtraction of heat
Qp). that is, heat Q, expelled to a cold source (external medium)
in accordance with the second law of thermodynamics, is represented
by the area 10e'3.

Without studying cycles with thermal regeneration in detail,
let us usa two examplea to show that regeneration increases the
thermal eificiency of the gas turbine cycle.

Let us assume that a cycle with thermal regeneraiion in the
case of adiabatic compression, and a cycle of the same type, but
without thermal regeneration, have identical initial conditions,
equal compression ratios, and maximum temperatures. Obviously,
these conditions will result in complete coincidence between all
points of the cycles being ccmpared, :o the cycle okze, depicted
in the diagram in figure 30, will be the cycle with thermal re-
generation and the cycle without regeneration, at one and the
same time. The useful work of both cycles (with and without re-
generation) can be measured by the same area, okze. However, in

the cycle with thermal regeneration the consumed heat Q‘, measured
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by the area 2k'z4, is less than it is in the cycle without re-
generation, in which Q1 is measured by the area 1kzd. The ob-
vious conclusion is that the thermal efficiency of the cycle with
thermal regeneration is higher than that of the cycle without re-
generation.

We will arrive at the same conclusion if we compare cycles
with adiabatic compression under identical initial conditions,
squal compression ratios, and equal amounts of input heat Q‘ ,
which is equivalent to equality in the areas 1kz4 and 2k'115 in
figure 31, As will be seen,in this case the useful work in the
cycle with thermal regeneration, corresponding to the area okz‘e‘.
is greater than it is in the cycle without regeneration, okze.

But a greater magnitude of useful work in the cycle for the same
amount consumed heat Ql' also results in higho'r thermal efficiency.
T

S E— L
i 745§

Figure 31 Comparison of a cycle with thermal
regeneration.

The amount of heat, Qp, that can be communicated to the air
in the heat exchanger will be greater the greater the difference
between the temperature of the combustion products leaving the
turbine, Te, and the temperature of the air leaving the com=
pressor, Tc' Obviously, thermal regeneration is impossible if
these temperatures are equal.

The temperature of the compressed air in an engine with
compressor cooling is lower, for the same ratio of pressure in-
crease, than it is in an engine with an uncooled compressor.
Therefore, if the temperature of the combustion products at the
turbine exhaust, Te, is identical in both cases, a greater degree
of thermal regeneration is possible in the first engine than in
the second.

Thermal regeneration in engines with uncooled compreasors
is limited by the fact that for a constant magnitude of the
temperature in front of the turbine, ’l‘z, the temperature dif-
ference T. - Tc wll decrease with increase in the compression
ratio because of the rise in temperature T<= and the drop in
temperature T.. At some predetermined value for the compression
ratio this temperature difference equals zero, and, generally
speaking, precludes the possibility of using thermal regeneration.

Detailed calculations show that in aviation gas turbine
engines with uncooled compressors with low temperatures in front
of the turbine, ’l‘: = 1050° to 1150°X. thermal regeneration
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becomes impossible when the compression ratio in the compressor
ronch..": = 9 to 10,

But, if the compression ratio ia low ( n4 £ 3 to5), con.
siderable thermal regeneration is possible, and can increase the
efficiency of these engines to approximately 25 to 20 % if the
internal hydraulic resistance of the heat exchanger is sufficient-
1y low,

The use of a heat exchanger increases the weight and size of
the power plant as a whole. This is not decisive for stationary
gas turbine engines, so thermal regeneration is usually used in
these engines, and a very significant economic effect results
when use is in conjunction with compressor cooling.

Thermal regeneration in aviation gas turbine erxines can be
desirable, but only when the saving in fuel is such as to warrant
the increase in engine weight, while at the same time increasing
aircraft range or payload for a specified range, all other cone
ditions being equal.

The difficulties involved in building heat exchangers with
the required heat exchange surface and low internal resistance,
light in weight, and small in size, as well as with respect to the
limited possibility of thermal regeneration in the casu of the un-
cooled compressor, hamper the use of thermal regeneration in
aviation gas turbine engines.

6. The Real Turbojet Engine Cycle

The real, or combustion stages in all elements of a turbojet
engine take place in the presence of hydraulic resistances and of
heat exchange between the air and the combustion products flow-
ing through the engine and the outside medium. At the same time,
the temperaturs, and the change in the chemical composition
(during the combustion process) of the working substance, also
have an effect on the engine's thermal capacity. Therefore, the
nature of the change in the parameters for the state of the gas~
air flow, the absolute values of these parameters, and the end
results of the processes in a real turbojet cngine, and in the
ideal cycle, which is at the basis of the combustion stages in
the engine, are considerabl;r different.

The sequential change that taskes place in the parameters
for the state of the gas-air flow in a real turbojet engine can
be conventionally depicted by the pv and TS diagrams. The set of
thermodynamic processes obtained as a result is called the real
engine cycle, depicted by the contours Hakze in figure 32, Here
the ideal cycle, with heat input when p = const and adiabatic
compression with the same compression ratio ani amount of heat
input. as for the real cycle, is indicated by the dotted outline
for purposes of comparison.
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The real cycle of an ineflight turbojet engine is composed
of the following main processes (fig. 32)s

air compression along a polytrope because of the velocity
head} this process is represented by the curve Hap

air compression in the compressor along the polytrope aKj

the combustion process kz at a somewhat reduced pressure
(see Lelow)s

expansion of the combustion products in the turbine along
the polytrope z2j;

expansion of the combustion products in the jet nozzle along
the polytrope 2e;

the closed isobaric process, eH, corresponding to the dis=-
sipation into the surrounding medium of the heat carried away
by the combustion products leaving the engine; this process
takes place outside the engine.

In the real cycle the total work of polytropic expansion of
the combustion products is depicted by the area 5kzel in the pv
diagram (fig. 32) and is made up of the work of expansion in the
combustion chambers (area Skzl4), in the turbine (area 4223), and
in the jet nozzle (area 3291).r

B :
v 1 FEER
Figure 32 The real turbojet engine cycle

The total work of air compression can be depicted by the
area 5kH1. In flight this work is equal to the sum of the work
of ram compression (area 1'aH1) and polytropic compression in
the compressor (area 5kal'), and for engine operation in situ it
equals the work of compression in the compressor.

The useful, or iinternal work of a real cycle, Li' is equal
to the difference between the total work of polytropic expansion
of the combustion products in the engine, and the total work of
air compression.

The internal work, Li’ is depicted by the area Hakzell in
the pv diagram, and its thermal equivalent, ALi' by the area
with the same designations in the TS diagram.

The heat delivered to the air during the combustion r:ocess
in the real cycle and leading to an increase in its enthalpy, is
depicted by the area 1'kz3 in the TS diagram, while the heat
carried away from the engine into the surrounding medium with
the combustion products is depicted by the area 1Held (fig. 32).

Moreover, area 3z2el in the TS diagram is the heat absorbed

by the gas during its expansion. This heat is equal to the
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difference between the heat equivalent to the work of hydraulic
resistances in the turbine, exhaust pipe, and jet nozzle, and

the heat transferred from the gas to the outside medium through
the walls of these engine elements. Accordingly, area 1Hk1' is
the heat absorbed by the air as it is compressed in the compressor.
This heat is equal to the difference between the heat equivalent
to the work of the hydraulic resistances in the compressor, and
the heat given off to the atmosphere through the compressor
housing.

Designating the total work of polytropic expansion of one
kilogram of combustion products by Lp o' and the total work of
compression of one kilogram of air by Lt ¢! and taking into
consideration the fact that one kilogram of burned fuel contains
u!o kg of air and (1 + ulo) kg of combustion products, we can
write the following for the internal work, Li' of the cycle,
equated to 1 kg of fuel

L11 = (1 +a1)) Loe = 0loLlect

After dividing this expression by alo, we obtain the in-

ternal work, equated to 1 kg of alr flowing through the engine

L=Lbb

afy e “tc

or
L,zlpe— Ltc'

The internal work done by a turbojet engine goes to in-
crease the kinetic energy of the gas-air flow through the engine
and, in addition, is partially expended in overcoming the hydraulic
resistances in all engine elements, friction of the end surfaces
of compressor and turbine wheels and the air and gas, friction in
the bearings, and driving the auxiliaries.

If we subtract from the internal work, Li' that part, Lr'
expended on all of the resistances indicated above, we obtain

the effective work as
L=L,~1L,

The effective work done in a turbojet engine goes in full
to the increase in the kinetic energy of the gas-air flow through
the engine. On this basis, we can write the following energy
relationship

fg v
b=w— (3.6)

where L is the effective work, equated to t kilogram of air

¢

flowing through the engine (assuming L%Eb::l ).
o

For engine operation in situ, when V = 0, we obtain

o

=T

L
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The expression at (3.6) provides the velocity at which the
gas flows from the jet nozzle

=V FVE
We can therefore write the specific thrust in the form
Pyp = FVELTTE—),
and for in situ operation
P = -?,- 2778
sp, [ )

Thus, the effective work done in the real turbojet engine
cycle is used only to create reactive thrust.

The efficiency of the real turbojet engine cycle evaluates
its effective efficiency, ne, which takes into consideration, as
was explained earlier, all the losses incurred during the con-
version of the heat contained in the fuel into the kinetic energy
of the gas-air flow through the engine, that is, into effective
work, Le' Consequently, on the basis of the dependencies obtained

earlier, we can write

Ko7t (3.7)

Losses in the real cycle always resulf in a lower effective
efficiency, ne' for a given compression ratio, than the thermal
efficiency, U of the ideal cycle. Therefore, Le < Lt for the

same amount of delivered heat.
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CHAPTER 4

TURBOJET ENGINE INLETS

1. Air Compression at the Engine Inlet By the Ram Effect

The inlets of turbojet engines, as well as those of other
types of aviation gas turbine engines, are used to obtain pre-
compression of the air by the ram effect and then deliver the
air to the compressor.

The inlets, usually referred to as inlet diffusers, must
provides

minimum loss in the case of stagnation (ram compression)
of the meeting flow of airj;

minimum hydraulic losses in the diffusor flow sectionj

an adequately uniform velocity field at the compressor inlet;

the weight flow of air required by the engine under all
possible operating conditionsj

stable operation, that is, operation without flow separa-
tions and pressure pulsations, under all operating conditionsj

a minimum of external drag.

After passing through the inlet, the air enters the com-
pressor, which has stagnation temperature T:, stagnation pressure
p;. and, correspondingly, actual temperature Ta’ and static
pressure p_ , across its inlet section.

When we determine the air stagnation temperature, T;, at
the compressor inlet, we can completely disregard heat exchange
with the external medium, because it is insignificant. 1In this
case, as we know, we can only establish a temperature increase
by a reduction in air velocity, and this increase does not depend
on the magnitude of the losses when there is air flow stagnation.
Therefore, the air stagnation temperature, T:, at the compressor
inlet is practically equal to the external air stagnation tem-
perature Tﬁ.

Temperature T; can be expressed in terms of the Mach number,
Ma' at the compressor inlet
To== Tyl oMy, (4.1)

where T; = Tﬁ.
The actual air temperature at the compressor inlet can be
established through the formula at (l.23,n)

2

e "u
To=Th— w5 (5.2)

where Ca is the alr velocity at the compressor inlet.
For in situ engine operation, T” = To. so Tg = To and, con=-

sequently

el (4.3)
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Stagnation pressure, p:. at the compressor inlet is always
less than the atagnation pressure pﬁ, that would be present in
the case of adiabatic (losslea-) air stagnation for a given Mach
number "H' that is, when k = 1.4

P, = apfly = a1+ 02ME)Y (4.4)
where ain < 1 is a factor that takes into consideration all
pressure losses in the case of ram compression
in the inlet, or the so=called stagnation
pressure recovery factor.
Correspondingly, the ram air compression ratio, with inlet
loss taken into consideration, will equal

. Pu
T = 4l + 02M3)™

! (4.5)
When engine operation is in situ "H = 0, so
n¥* L
ram =% =<l (4.6)

Static pressure, P, at the compressor inlet can be

established through the adiabat equation ,, (,} F%
w=()

from whence, and reminded that p: - ainpﬁ and T: - Tﬁ, and

using the formula at (4.3), we obtain

_ . 2\
ro=s 11~ (.7
and, correspondingly, for in aitu operation
. ra as
Pa= 2yl (‘ - “ow:j) :

The velocity, C.» at the compressor inlet is assigned when
the engine is designed and is based on the required diametrial
dimensions and weight for the compressor, while taking into con-
sideration the effect of the velocity, ¢, (Mach number Ma)' on
compressor capacity and efficiency. In modern turbojet engines
at the design point, ¢ = 180 to 200 m/sec, and higher.

When the engine is installed in the aircraft, the engine in-
let section proper is often preceded by air feeders that are part
of the aircraft structure (when the engine is located in the
fuselnge). or that are formed by special housing-fairings (when
the engine is located in the wing, or under the wing, etc.). The
hydraulic losses incurred in these feeders ciffer from aircraft
to aircraft of different types and designs, so pressure losses in
the aircraft air feeders are disregarded in the engine design,
but are taken into consideration separately when fitting the
engine to a specific aircraft.
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2, Simple Inlets
Simple inlets, often referred to as subsonic diffusers, are

used at subsonic airspeeds. Their layouts are shown in figures

33 and 34. In order to reduce losses during ram compression, sub-
sonic diffusers are shaped in such a way that stagnation of the
meeting air takes place completely, or partially, before the air
enters the diffuser, that is, in front of it. All, or a con-
siderable part of the internal duct in these diffusers is directly
butted to the compressor, and is slightly convergent. The ratio
between areas, PB/F;. usually equals 0.75 to 0.85. As a result,
the air picks up some acceleration inside the diffuser and this
lends itself to there being » more uniform velocity field at the
compressor inlet and to a reduction in hydraulic losses. The in-~
take lips of these diffusers are smoothly rounded, providing for

ditions. L . e

a flow with extremely small losses under all engine operating con-
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Figure 33 Flow diagram in a subsonic inlet diffuser
when V = O,

When the engine is running in situ (fig. 33) the air velocity
in front of the inlet diffuser increases gradually, the result of

the compressor suction effect, rising from zero outside the dif=-
fuser, that is, at the boundary of the air undisturbed by com=-
pressor operation (section H H), to some velocity, Cut at the
compressor inlet (section a a). Since no external energy is

mided o fhe sir Flew in Tnis III.'IiII;l'. Al presREre sl DEspErE L ire
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Figure 34 Flow diagrams in a subsonic diffuser in

the case of subhsonic flight.

In subsonic flight (M“ < 1), when airspeed V, is greater
than velocity .; across the initial section, a'a', of the inlet
diffuser (fig. 34), ram air compression (stagnation}, causing
the increase in air pressure and temperature, takes place in
front of the diffuser, outside it (before section a'a') and
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beginning at the free air boundary, HH. This external ram com-
pression is practically lossless. The air then enters the in-
ternal contracting duct in the diffuser, where its velocity in-
creases somewhat, beginning at section a'a' and ending at the
compressor inlet. There is a corresponding reduction in pressure
and temperature (fig. 34 a). If the contracting section of the
diffuser's internal duct is preceded by a divergent section, ram
compression will terminate in this section of the internal duct,
as shown schematically in figure 34 b, The pressure losses due
to ram air compression are small during subsonic flight because
they are caused only by the hydraulic resistances in the inlet
ducts of the inlet assembly, oro, =0 = 0.95 to 0.98, where
is the stagnation pressure recovery factor in these ducts.

In supersonic flight (MH > 1) a shock wave with, generally
speaking, a curved front (fig. 35), forms at some distance before
the subsonic diffuser under discussion. However, experience shows

that that section of the shock front intersected by the air flow

re

subsequently entering the engine is practically perpendicular to
the flow; there is a normal shock wave (shock section 1 1 in
fig. 35). The air velocity becomes subsonic immediately at this
shock, and this is accompanied by a shock-type increase in pres-
sure and temperature. Consequently, there is a subsonic flow of
air between the shock front and the inlet diffuser, and its sub-
sequent flow schematic remains the same as that reviewed above.

|
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Figure 35 Flow diagram in a subsonic diffuser in
supersonic flight

When the supersonic air flow stagnates some of its kinetic
energy is irreversibly converted into heat at the shock wave and
is not used to increase the air pressure. Therefore, beyond the
shock wave the stagnation pressure p: (and, correspondingly,
static pressure pc), is always lower than pressure pﬁ, which
would have been obtained for the same reduction in flow velocity
if there were no shock wave, that is for the case of conventional
adiabatic (lossless) flow stagnation. This is why the stagnation
pressure recovery factor, %==£i , at the shock wave is always

'
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less than unity. The higher the supersonic flow velocity, or

the larger the flight Mach number, MH' with respect to unity,

the more intensive the normal shock, and the greater will be

that part of the kinetic energy converted into heat. As a re=
sult, the loss in stagnation pressure at the shock increases

with increase in the flight Mach number MH’ while the coefficient
g ¢ decreases, It is obvious that when there is a shock wave,

the pressure loss involved in ram compression at the engine inlet
will be established by the product uin = °c . art'

Curve 1 in figure 36 shows the dependence of the stagnation
pressure recovery factor at the normal shock on the flight Mach
number MH' As will be seen, the factor o, decreases rapidly
with an increase in the Mach number, MH' and that when MH - 2,5
it is 0.5. This means that when MH = 2.%, stagnation and static
air pressures at the engine inlet (after the normal shock) will be
approximately half what they would be in the case of adiabatic
stagnation of a supersonic flow, that is, when there is no normal

shock wave in the flow.
O]

Figure 36 Dependence of the loss in stagnation
pressure on the flight Mach number, N
for different types of inlet diffusers
The loss in pressure at the normal shock wave is comparatively

small ( % = 0,92 to 0.93) in the case of relatively slow super=
sonic speeds, that is, when M, = 1.4 to 1.6, This is why the
simple subsonic inlets reviewed above are used, but with tapered
inlet lips, for aircraft with these airspeeds as well as for sub-

sonic aircraft.

3. Supersonic Inlet Diffusers

Special inlets, called supersonic diffusers,must be used
at high speed supersonic flights in order to reduce the signi-
ficant pressure losses characteristic of air stagnation at a
single, normal shock wave, These diffusers cause air stagnation
by multiple oblique shock waves which, for a given flight Mach
numbher MH >> 1, is accompanied by significantly smaller pressure
losses than those encountered in the case of stagnation of this

flow at a single, normal shock wave. The greater the supersonic
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airspeed, and the number of oblique shocks, the greater will be
the gain obtmined in the magnitude of the ram compression ratio,
as with the compression at a single, normal shock.

Supersonic diffusers used in turbojet engines are designed
in the form of an axisymmetrical duct with sharp inlet lips, in-
side which there is a central cone with a straight or broken-line
generatrix or one in the form of a flat duct formed by two asymnmet =
rical wedges, the larger of which performs the same function as
does the central cone in the axisymmetrical diffuser, depending on
the location of the engine in the aircraft.

Diagrammatic layouts of axisymmetrical supersonic diffusers
with one and two incident shocks are shown in figure 37, and
those of flat supersonic diffusers with two and three oblique
shocks are shown in figure 38. The oblique shocks formed by the
tip of, and the breaks in, the central cone, or by the upper wedge,
are indicated in figures 37 and 38 by the straight lines 0Oa', ba',
and ca'y, and their angles of inclination to the longitudiaal axis
of the diffuser ave designated by a. Air velocity remains super=-
sonic with respect to the engine after these multiple incident
shocks., Further reduction in air velocity to subsonic takes
place in a complicated, and little-studied system of primary and
reflected shocks also located inside the diffuser duct. In order
to simplify research and design, this system of shocks is usually
replaced by a single, weak, normal breakdown shock wave, shown by
the wavy lines a'd, bd, and dc in these diagrams. Practical ex=

perience shows that this substitution ig completely acceptable.
T '

Figure 37 Diagrams of auperson!c inlet diffusers
with one and two oblique shocks

The operational design point for a supersonic inlet diffuser
is that point at which conditions are such that the front of the
first external oblique shock formed by the tip of the central
cone (the first external shock) touches the leading edge of the
cowling as shown in figures 37 and 38, which show the air flow
diagrams for the operational design points of a supersonic dif-
fuser.
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Figure 38 Diagrams of supersonic iniet diffusers
with two and three oblique shocks
Henceforth, the flight Mach number, MH' corresponding to

the diffuser design point will be designated MH .
ddp
If all the oblique shock waves formed by the central cone

are outside the internal diffuser duct, that ie, hefore it, and

if the normal breakdown shock is in the plane of the inlet seciion
of that duct (figures 37 and 38 b), the diffuser in question is
called a diffuser with external compression. However, in some of
the oblique shocks and the normal breakdown shock are located in
the internal duct (figure 38 a and b), the diffuser is called a
diffuser with mixed compression (with partly external, and partly
internal compression).

The curves plotted in figure 46 show the dependence of the
maximum possible stagnation pressure recovery factors, Uc on the
flight Mach number, MH' for the following shock systems: 1| - a
single normal (simple diffuser as per the diagram in figure 35)3
2 - one oblique + one normal (as per the diagram in figure 37 a)i
3 - two oblique + one normal (as per the diagrams in figures 37 b
and 38 a); 4 - three oblique + one normal {as per the diagrams
in figures 38 b and 38 c¢). These dependencies, obtained from in-
vestigations made by G. I. Petrov and Ye. P. Ukhov, show that when
MH >> 1 the use of supersonic diffusers provides a very significant
gain over the simple diffuser, that is by a single normal shock.
For instance, when MH = 2 the ram pressure after a single normal
shock is p¥ = . pjf = 0.75 p} (curve 1 in fig. 36), whereas a
pressure of p: a 0.9 pﬁ is obtained after a system of two shocks
(one oblique + one normal) (curve 2 in fig. 36), or 20% higher.
But if M“

at the same time that we have a pressure after a system of three

= 3, p; = 0.3 pﬁ is obtained for a single normal shock,

shocks (two oblique + one normal) greater by a factor of 2.5,
that is, p% = 0.75 Pl (curve 3 in fig. 36).
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All other conditions being equal, an increase in pressure
after the system of shocks in the inlet diffuser will cause the
preasure to increase at the turbojet engine compressor inlet and,
consequently, there will be an increase in the ram compression
ratio, in the resultant compression ratio, and in the air flow
through the engine. The result is a corresponding increase in
engine efficiency, and an increase in specific and total thrust.
This is why supersonic inlet diffusers are absolutely necessary
in turbojet engines designed for high-speed supersonic flight.

The principal geometric parameters of supersonic iniet dif-
fusers (fig. 39) are:

diffuser intake area F, (section a'a')y

throat area, 'Ft, the area of the smallest flow section, tt,
of the internal diffuser duct, normal to ths flows

the number of breaks on the surface of the central cone
(or upper wedge), establishing the number of external incident
shocks

the vertex angle, and zngles of the breaks, LYRPY etc.,
on the surface of the central cone (wedge);

stagger of the central cone, 1}

distance between its breaks, 1‘. 12. etc.}

area of diffuser outlet, l‘d, section d,d)|

frontal area (drag area) of the diffuser, F‘.l

L]
inner and o:tor cowling -nglo:,v °°"11 and cowlo'
i vl g I8 '
[ -T Figure 39,
1 Geometric parameters of a
i J_ supersonic inlet diffuser
- — _ll-.
L |
. o e #
7 LI
The resultant pilot loss in a supersonic diffuser can be
evaluated by the factor ’d"% sy Or
. - (]
e P
9= = moagg

PP
where ps is the ram pressure at the diffuser outlet (section
d,d)g
p: is the ram pressure beyond the system of shocksj
9ddis a factor that takes into consideration the pressure
loss in the internal duct of a supersonic diffuser;
d.d = 0,86 to 0.88,

The maximum air flow through the diffuser occurs at the

usuvally the average is ¢

design point because the cross-sectional area, F", of the free
air subsequently entering the diffuser (fig. 37) equals the inlet

area, F, , of the diffuser (fig. 39). Actually, we can write
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Gs = Y“F"V. where VH is the specific weight of the external free
air, and V is its velocity relative to the diffuser, that is,
the airspeed for the air flow through the area FH' Howev;r, for
given values of W{ and V, the maximum for this flow will occur

that is, Ga - YHFinv'
max

The capacity, or the output, of a supersonic inlet diffuser,
for given VH, is evaluated by the discharge coefficient, ¢d. which
equals the ratio between the actual air flow, Ga y and the maximum

air flow, Ga
max

when PH - Fin'

P, = G /G = F_/F._,
d a’“ax H " in

from whence

G VY. .

a ” q,dl"i.n H

It is obvious that ¢d = 1 at the design point. We note
that the external drag of a supersonic inlet diffuser, Xd, is
least at the design point.

The diffuser throat area should have a magnitude such that,
at the design point all the air passing through the system of ex-
ternal shocks can pass through it, that is, ¢d = 1. If the throat
area is selected such that the air velocity in it equals the speed
of sound, this throat area will be called the optimum throat area
Ft » because hers the pitot loss in the diffuser will be least
AIYPSthor conditions being equal.

If the throat area at the diffuser is comparable to that
shown in figures 38 a or 38 b,and ir made greater than optimum,
(Fe >Fe ), that isy, it is oversized, and the other conditions
remain ?RS same, the air in the throat will become supersonic
(the normal breakdown shock will be located beyond the throat),
and the velocity beyond the throat will increase accordingly.

This is why the pitot loss in the diffuser duct will increase.

The same result will be obtained when Ft Z Ft for the diffusers
in figures 37 and 38 b, the result of flow segggation and eddy
formation in the throat region.

If the throat area is less than optimum and all other con-
ditions remain unchanged, the throat will be unable to pass all
tle air flowing through the external incident shocks. In that
case a so-called deflected forward shock wave develops before
the diffuser duct inlet, destroying the multiple external
oblique shocks near the cowl%ng, as -hownlin figure 40,

Iy
Figure 40 Diagram of the destruction of
designed multiple shocks by a
deflacted shock (DS)
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This causes external air leakage near the cowling, so the
discharge coofficiont.wd, is reduced and becomes less than unity.
In addition, pitot losses in the diffuser increase, as does ex-~
ternal diffuger drag.

The internal diffuser duct is made wider beginning at the
throat (downstream), then, immediately before the engine, the in-
let section is made in the form of a slightly converging duct, as
was mentioned earlier, in order to equalize the flow at the com-

pressor inlet.

4. Off-Design Points and Unstable Operation ]Surgigg! of a
Supersonic Diffuser

Let us now consider the special features of the operation
of a fixed-area (invariable geometry) supersonic inlet diffuser
at the off-design points. The diffuser can deviate from its
design point as a result of a change in the flight Mach number
MH' or of a change in the backpressure at the diffuser outlet,
caused by a change in engine operation.

If there is a change in flight Mach number, "H' compared
with that value of M" for which the supersonic diffuser was
designed and configurgggd, the designed multiple shocks will be
destroyed, causing a change in the coefficients Od and wd' and
in the external diffuser drag.

We know that the angle of inclination of the oblique shocks
is reduced, but that their intensity increases, when the flight
Mach number, MH' increases beyond HH + Therefore, the external
oblique shocks, instead of convargingdgt the leading edge of the
cowling, flow inside the diffuser duct (figure 41), where they
preduce a series of additional reflected shocks. This results in
an increase in the pitot loases in the diffuser and in a corres-
ponding reduction in °d (even when compared with % for a diffuser
designed for this other, higher Mach number, My > My ). More-
over, as will be seen from the diagram in figure h1,d9gen

M, > MH » the discharge coefficient does not change, but re-
mains Ggp- 1, that is, diffuser output remains the maximum
possible, A7

Figure 41 Diagram of shocks in the supersonic
diffuser when M, > M
H Hddp
If the flight Mach number, MH’ is reduced as compared with
the design point for the diffuser, that is, when MH < MH y the

external oblique shocks will fall away from the leading gg&e of
the cowling (fig. 42 a), all other conditions unchanged, because
angle of inclination, @, of these shocks will increase with a

decrease in the Mach numbor, M The result is external air

He
leakage, the area FH of the undisturbed jet becomes smaller than

that of Fin' as will be seen in figure 42, and the discharge
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coefficient is reduced; it becomes ?d < 1, and external diffuser

drag increases. The pressure-recovery factor,d a* increases

because of the reduction in the intensity of the shocks when

the flight Mach number, MH’ is reduced. But even so, a lower

Gd is obtained than would be the case for a diffuser designed

for this lower Mach number MH < MH .
g e ddp

Figure 42 Diagram of shocks at the inlet to a supersonic

diffuser, when MH < MH
ddp

Calculations show that the smaller the flight Mach number,
MH' the greater will be the required optimum diffuser throat
area F , that is, the minimum throat area providing for an
air flogpatthout a deflected forward shock, as in the diagram
in figure 42 a, Physically speaking, this can be explained by
the fact that with a decrease in the Mach number, MH, comes a
reduction in the ram alr compression ratio in the diffuser, and
the density of the air in the throat is reduced accordingly, so
throat discharge capacity is reduced, and this requires an in-
crease in F when the flight Mach number, MN' is reduced.
Fixed~-area sﬁggrsonic diffusers have a constant throat area.
Therefore, if the throat area is selected as optimum when MH ,
this area will become less than optimum for lower flight Macgdp
numbers, MH' that is, tie throat capacity will become less than
the capacity of the oblique shocks falling away from the cowling
(when 9, < 1}). When My < M,
of a deflected forward shockdgg shown in figure 42 b, so that ¢ 4

this results in the appearance

is reduced, and the external drag of the diffuser increases at
a greater rate than in the case of the air flow shown in figure
42 a., Therefore, the throat area in fixed-area diffusers is
usually made oversized (l"t > Ft ) for the diffuser design
peint when MH = M“ s, that 1s,°8ﬁe throat area is made optimum
for MH < . AQGEas explained earlier, this will reduce?
at the desififPpoint, but then o
drag at flight Mach numbers, MH' below M" will decrease.

In subsonic flight (MH < 1), and pargggularly in slow sub-
sonic flight (MH << 1), the discharge capacity of a fixed-area

d
and ¢d will increase and diffuser

supersonic diffuser proves to be considerably less than that of
simple subsonic inlets, but the pressure losses in it are greater.
This is primarily explained by the fact that under these con-
ditions, (MH <<1) the flow over the sharp edges of supersonic
diffuser cowlings is accompanied by flow separation and eddy
formations, causing air jet contraction in the diffuser duct, as

shown schematically in figure 43.
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Figure 43 Diagram of the air flow in a supersonic
diffuser when M, < 1 (a), and My =0 (v).

The backpressure at the supersonic diffuser outlet for a
given Mach number, MH' depends on turbojet engine compressor
capacity. If the compressor's capacity is increased by increas-
ing its speed to the point where the air flow through the com-
pressor is greater than the diffuser throat can handle at a given
flight Mach number MH' pressure at the compressor inlet, and,
correspondingly, the backpressure at the diffuser outlet, will be
reduced. On the other hand, if the flow of air through the com=
pressor becomes less than the flow of air into the diffuser be-
cause of a reduction in speed (reduction in capacity), the pressure
before the compressor, that is, the backpressure at the diffuser
outlet, will increase. Thus, a change in the capacity of a
compressor positioned after a supersonic diffuser is equivalent
to a change in the air throttling ratio at the diffuser outlet.
Let us see what the effect of a change in backpreasure at the
diffuser outlet section is on the operation of a supersonic dif-
fuser, when the f::. at Mach number, MH' is unchanged.

The cross-sectioned areas of the internal duct in supersonic
diffusers are always selected such that at 'he design point after
the throat, downstream in some section of the duct, there is
acceleration and a supersonic air flow as in a supersonic expansion
nozzle. Further downstream the flow stagnates, the result of the
backpressure, and the supersonic flow (erminates in an almost
normal shock wave, after which the air velocity becomes subsonic.
This supersonic region after the throat in the diffuser duct
naturally increases the pressure loss in the duct. At the same
time, this region protects the external shock formations against
the penetration of pressure fluctuations (perturbations) from the
throat caused by the compressor, the propagation velocity of which
is less than the air velocity in this region.

The extent of the protective supersonic region in the diffuser
duct, and the air velocity in this region, increase with decrease
in the backpressure at the diffuser outlet (with increase in

turbojet engine compressor rpm and M, = const), Its breakdown

shock is displaced downstream, towarg the diffuser outlet, and
becomes more intense, causing an increase in pressure loss, and

ad is reduced. However, the shock formation at the diffuser inlet
is not disrupted, so ¢b = const.

When the backpressure after the diffuser is increased
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(reduction in turbojet engine compressor rpm and MH = const)

the breakdown shock at the protective supersonic region 1is
displaced upstream, toward the throat, becomes less intense,

and the extent of this region is reduced. As a result, the
pressure loss in the diffuser duct is reduced, and ad increases.
At the same time, the shock formation at the diffuser inlet is
retained and ¢d = conat.

This keeps recurring until the increase in backpressure at
the diffuser outlet results in the complete disappearance of
the protective supersonic region after the diffuser throat.
After this, further increase in backpressure results in the
normal breakdown shock being displaced outside the diffuser duct
(upstream), so that a deflected forward shock appears before the
diffuser inlet, moving ahead from the edge of the cowling in a
manner comparable to that shown in figure 40.

At the same time, however, the aspect of deflected forward
shock proves to be unstable, the result of a variety of complex
phenomena accompanying the air flow in a supersonic diffuser.
The mechanism of this instability in the deflected shock can be
explained schematically as follows. Then a deflected forward
shock develops, Ud is reduced, the air flows outward at edges
of the cowling, and the flow of air into the diffuser is reduced
( Wd is reduced), so there is a pressure drop in the duct. This
moves the deflected shock backward (downstream) into the diffuser
duct, and the whole shock formation is restored. But this
causes an increase in the supply of air to the diffu=er (in-
crease in wd), there is an increase in Od, and a corresponding
increase in pressure in the diffuser duct, again resulting in
the formation of a deflected forward shock and at the same time,
the disruption of the shock formation at the diffuser inlet.

The shock formation is again restored in accordance with the
pattern described above, after which it is destroyed, etc. In
other words, these processes are repeated, alternating rapidly
in the process. The result is unstable operation, or surging
in the diffuser, accompanied by heavy pressure fluctuations
and return air currents in the diffuser duct,

The frequency of the pressure fluctuations during diffuser
surging is approximately 100 Hz, and their intensity, that is,
the ratio between the total amplitude of a pressure fluctuation
and its average magnitude reaches 75 %.

Surging of a supersonic diffuser is not acceptable durlng
engine operation because it causes vibration and Jarring that
impairs the strength of the inlet assembly, and other elements,
in the power plant, as well as fluctuations in pressure in the
combustion chambers and corresponding fluctuations in thrust,
and can lead to flame attenuation and flameout in the combustion

chambers, that is, to self-shutdown of the engine.
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What follows from the foregoing is that the superscnic
region between the diffuser throat and the diffuser outlet pro-
vides some protection againat surging. The greater its length,
the greater will be the delay before surging begins as the backe
pressure increases at the diffuser outlet, that is, the brcader
will be its range of stable operation, or the greater its "stability
margin", However, the pressure loss increases and Od decreases
with increase in the length of this region. Therefore, the
"stability margin" for the fixed-area, supersonic diffuser can
be evaluated by the magnitude 4 = amax/bd y where O, is the
pressure-recovery factor in the diffuser when there is a super-
sonic region after the throat, and® max is the pressure-recovery
factor when there is no such region, and all other conditions

1)

are equal. It is obvious that the greater 24 the greater will

v
be the stability margin for the diffuser. Ass: rule, at the
design point 4, = 8 to 10 %,

However, this cannot always prevent surging in supersonic
diffusers of turbojet engines, because of the broad range over
which operating conditions change in flight. This is why it is
usually necessary to use special antisurging devices in these
diffusers, one of which is the discharge for some of the air
from the diffuser duct into the atmosphere through a duct located
between the supersonic region and the turbojet engine compressor
inlet. This prevents the pressure at the diffuser outlet from
building up high enough to destroy the protective supersonic
region in the diffuser duct and cause surging, regardless of
operating conditions,

5. The Supersonic Diffuser Characteristic Curves and
Regulation Concept

The depandancies of the stagnation pressure recovery
factor, Ud, and the discharge coefficients ¢d and Xd on the
backpressure (resistance) at the outlet of a supersonic dif-
fuser for a constant flight Mach number, MH’ are called the
throttling characteristic curves. These curves are constructed
from experimental data obtained with the diffuser in a super-
sonic wind tunnel and with different settings of the throttling
device installed after the diffuser outlet section,

The throttling curves can be constructed as functions of
any parameter that is uniquely associated with the mégnitude of
the resistance at the diffuser outlet for a constant flight Mach
number, MH' value,

The throttling curves for a supersonic diffuser can be
constructed using the following relationships.

1)The "stability margin" for a supersonic diffuser is also
often described by the relationship & ¢ " ©./%.) /°d/q;. where

(Od/gﬂ oung 18 the ratio between th8%coerrlcidnta
g 8nd @, at the diffuser surge boundary (see fig. 44).
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From the relationships cited above, the weight flow of air

through the diffuser equals (7,=-901,,Vlin=%/inv’.".;_"

KT
—i BT .
but since V= My VEERT gng tor air V“[i;’ = 0,683, 1o

P,
G = 06859, F M, —-L-,
Py d'in "VT"
Now, after dividing both sides of this equality by tha ram

pressure in the diffuser outlet section, pg - Udpﬁ, and multi-

plying by \] T; » we obtain .
Y7 T7'—0685-~i§~an Ju ‘/ﬂ
,’0 et <} 7 M Iv'. r”‘

d d " .

On the basis of the formulas at (1.28) and (1.29), and after
a simple transformation, we can substitute

Iny/ Tu
Pir Ty
Finally, we can write
(AL s osSih (4.8)
oy ¥

The left side of this relationship is called the air weight
flow parameter for the diffuser outlet section. As the resistance
at the outlet of a fixed-area diffuser increases (with an in-
crease in the air throttling ratio), the pressure p} and (pd)
increases, when MH = const, and the air flow, Ga’ remains un-
changed, as was explained above, until the deflected forward
shock develops. Any subsequent increase in pg is accompanied by
a decrease in wd and by a corresponding decrease in air flow G..
Accordingly, with MH = const, any increase in diffuser outlet
resistance, that is, any increase in pg, will result in a re-
duction in Ghl/;; + So it is possible to construct the
throttling a curves for the diffuser in the form of
the dependencies of ¢ d and Gd on the flow parameter for any given
flight Mach number, MH. For this purpose, a series of values
for Ga' ps, Tﬁ, and Gd are found experimentally for each given
Mach number, and the corresponding magnitudes of ?d are computed
through the expression at (4.8). The shapes of these throttling
curves, constructed for a supersonic, fixed-area diffuser for
four different flight Mach numbers, My are shown in figure b,
The shading indicates the diffuser surge boundary. The operating
points of the diffuser with deflected forward shock are located
in the region between the surge boundaries and the dotted curves
plotted in t;e field of the characteristic curves. The closer
these points are to the surge boundary, the more intensive they
will he, It is readily seen that the nature of the change in ¢d
and Gd in figure 44 corresponds completely to the special operating
features of the fixed-area diffuser with changing backpressure
at its outlet when MH = const discussed in the preceding para-

gocaph,
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The throttling curves for the diffuser make it possible
to establish its points (that is, Ogr Pys and Xd) for any operating
conditions for the turbojet engine for which the diffuser is in-
tended. Needed for this purpose in addition to the flight Mach
number, MH' is the air flow parameter at the turbojet engine
compressor inlet, that is, WV (where p} is the ram pres-
sure at the compressor inlet), [ and the pitot loss factor,
°k. in the duct between the diffuser outlet and the compressor ine-
let. Since p: = Ukpg, it is obvious that 'ZQZE:&QQV_T—;_;

3 re

The throttling curves for fixed-area, supersonic diffusers
are very often constructed in the form of the dependencies of Gd
on?® ;, as shown in figure 44 b, These dependencies are obtained
by the simple reconstruction of the curves shown in figure lka,
or directly, through the relationship at (4.8).

The dependencies of the coefficients g’and od’ as well as
of Xd, on the flight Mach number, M“, are called the Mach curves,
or the diffuser velocity curves. These curves have been con=
structed as dotted curves in figure 45 for a fixed-area, super=
sonic diffuser in which the designed shock wave formation as well
as the optimum throat area correspond to a design Mach number,

M = 3. As will be seen, in this case the discharge capacity
ofdgﬂe diffuser, ¢d' drops off radically with a decrease in the
Mach number, MH' but its external drag, xd, increases sharply.
This is the result of the destruction of the designed shock wave
formation by the deflected forward shock that develops because
when < s the throat area becomes too small, less than
optimum, as 9gg'gxplained earlier. If the throat area in this
same diffuser is increased to-the optimum for MH = 2 (that is,
made oversized for MH = 3), there will be some loss in? g° but
overall the curves can flow more favorably than in the preceding

case, as is shown by the solid lines in figure 45.

*
wl ﬁ%f
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Figure 44 Throttling curves for a fixed-area,

supersonic diffuser.
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15 o 25 M,
Figure 45 Velocity curves for fixed-area,
supersonic diffuser.

In the general case, the turbojet engine in a supersonic
aircraft should operate over a wide range of flight Mach numbers,
M., and under greatly varlable engine operating conditions (rpm).
Therefore, because of its off-design points and characteristic
curves the supersonic diffuser in this turbojet engine should

be made adjustable. Otherwise the reduction 1r\¢d and © and

’
the increase in external diffuser drag, that accompany aﬂpreciable
deviutions from the design point will cause very significant
losses in effective thrust and engine efficiency, as well as the
danger of diffuser surging and its unacceptable consequences.

What follows from the foregoing is that regulation of super=-
sonic inlet diffusers can be accomplished by:

longitudinal displacement of the central cone to prevent
the falling away of the external oblique shock waves from the
leading edge of the cowling (the cone is displaced backward with
increase in the flight Mach number, MH);

changing the throat areaj for example, by increasing it
with decrease in the flight Mach number, MH' in order to prevent
the development of the deflected forward shock; the throat area
can be changed, by displacing the central cone, for examplej

feeding additional external air into the duct, bypassing
the throat as shown in figure 46, in order to increase the ca-
pacity of the diffuser and reduce losses in it when MH < 1, and
during take-off}

discharging some of the air to the outside from beyond the
throat in order to prevent diffuser surging, as was explained

above.,
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‘“;—/—:/’:"‘
Diagram of the regulation of a supersoni.

diffuser by delivering additional air,

Figure 46
when M" <1
There are other ways to regulate supersonic diffusers, in-

cluding changing the angles of the wedges forming the duct,

changing the cowling angles, etc.
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CHAPTER $
AVIATION COMPRESSORS

1. n L) n on

The purpose of the compressor is to compress air, and this
is necessary to obtain better conversion of the heat added to the
air in the combustion chamber into useful work.

Multistage, axial-flow compressors are used in the main in
turbojet engines. Radial-flow compressors are used in certain
cases.

Diagrammatic layouts of the multistage, axial-flow compres-
sor, and of one of its stages, are shown in figures 47 and 48.

P ’ > 4
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Figure 473 Layout of an axial-flow, multistage
compressort

1 = rotor blades; 2 = straightener blades;

3 = drumj 4 « compressor casing.

The multistage, axial-flow compressor consists of several
rows of shaped, moving (rotor) and stationary (straightener)
blades in an alternating sequence in the axial direction and
distributed around the periphery. The rotor blades, 1, are se-
cured to the outer surfaces of individual wheels mounted on a
common shaft, or to a surface formed by a drum, 3, common to
all blades (fig. 47). The ends of the straightener blades, 2,
are clamped in outer and inner rings. The outer ring in turn
is secured in place inside the stationary compressor casing, &.

Each row of rotor blades, together with its supporting
element (wvheel, drum section) is called a rotor wheel. The entire
rotating part of the compressor is called the rotor. Fach row of
stationary blades is called a straightener rig. The entire sta-
tionary part of the compressor is called the stator.

The grouping made of the rotor whesl and the straightener
rig after it (in the direction of air flow) is called the compres-
sor stage.

When the compressor rotor rotates, the blade.. act on the air
like propeller blades, twisting it and forcing it to move in an
axial direction toward the compressor outlet {toward the combustion
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chamber). This results in a drop in pressure at the compressor
inlet, providing a constant inflow of air from the surrounding
medivm. The convex addes of the rotor blades face in a direction
opposite to that of rotor rotation. Tharefore, the flow in the
channels between the rotor blades is in the direction of rotation
but the moment of the aerodynamic forces acting on the rotor blades
is correspondingly opposite to rotor rotation. This requires the
expenditure of mechanical energy to rotate the rotor, and this
energy is then transferred by the rotor blades to the air flowing
between them.

As a result of the input of external energy into the rotor
wheel, static pressure, Ps and absolute air velocity, ¢, increase
simultaneously (fig. 48).

Figure 48: Schematic diagram of a stage in an axiale
flow compressor (pou.tion as in fig. 47

Legends:
1 « SR - straightener rig
2 = RV -~ rotor wheel
3 - X - section through ABj

The air velocity acquired in the wheel is converted into
pressure in the stationary straightener rig installed after the
rotor wheel (as a result of the diffusive shape of the channels
between the blades) without external energy input, resulting in
an additional increase in air pPressure, and a corresponding re-
duction in air velocity (fig. 48). 1In addition, the straightener
rig turns the flow against rotor rotation, providing it with the
direction required for entering the next compressor stage. The
air is given an axial direction in the last (output) straightener
rig, for which purpose it is often necessary to use several
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successive straightener rigs after the last rotor wheel (losses
would increase considerably if only one were used).

In the axial-flow compressor the air moves approximately along
cylindricel surfaces, the axes of which coincide with the axis of
rotor rotation, which also explains the name of the compressor.

The flow areas of the successive stages in the axial-flow
compressor are made successively smaller, since the air is compres-
sed as it moves through the compressor, and its density increases.
The axial velocity of the air usually remains constant in all stages,
or decreases slightly at the compressor outlet. This is done so
the blades in the last stages will not be too short and cause an
increase in losses.

The reduction in the fiow area of the flow section of a com-
pressor is accomplished by reducing the outside diameter of the
rotor, keeping the drum diameter constent, or by increasing the
diameter of the drum (of the wheels)while keeping the outside dia-
meter of the rotor constant, or, finally, by increasing both rotor
and drum diameter. The first solution simplifies rotor blade in=-
sta'lation and securing, and the important thing, reduces the danger
of obtaining too short blades in the last compressor stages. In
the second and third solutions the blades in the succeeding stages
functionat higher averzge circumferential velocities than do the
blodes in the preceding rtniges. This makes it possible to increase
the compression ratio in the compressor for the same number of
stages. An increase in the circumferential velocity in succeed=-
ing stages is permissible because the temperature, and consequent«
ly the speed of sound as well, is higher at the inlet to these stages
than it is at the inlet to the first stage.

The higher circumferential velocities of the blades in succeed-
ing stages as compared with the velocities of the blades in the
first stages, are readily provided for by using dual-rotor or
compound compressors (rig. 19), in which the second rotor runs at
higher rpm than the first rotor. These compressors have other ad-
vantages, and this will be discussed later on.

The increase in pressure provided by one stage in an axial=-
flow compressor is small, so these compressors are always made
multi-stage. Axial-Ilow compressors used in existing aviation
gas turbine engines have from 6 to 17 stages.

The diagrammatic layout of the centrifugal compressor is shown
in figure 49,

The centrifugal compressor includes the inlet duct 5, the
impeller wheel, 1, with vanes 2, the diffuser 3, and the outlet
ducts 4.
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Figure 49: Layout of a centrifugal compressor:
1 « impeller heel; 2 - impeller vane; 3 - diffuser;
4 - outlet ductsy 5 - inlet duct.

The main part of the centrifugal compressor is the impeller
wheel, or impeller, which is a wheel with a row of straight (radial)
vanes, 2. The wall of the impeller wheel and the vanes form
channels through which air flows. The impeller wheel is fitted
on a shaft and is surrounded by a fixed cover, to which intake
duct 5 is connected.

The diffuser, 3, is a flat or conical, annular expanse formed
by the walls of the fixed cover and located concentrically around
the impeller wheel. The flow area of this expanse increases in
the direction of flow of the air leaving the impeller wheel. In
many designs, the diffuser has fixed vanes in separate, curved
channels. These diffusers are called vaned diffusers. A vaned
diffuser is always preceded by an annular slot with no vanes.

The outlet ducts, through which the compressed air is directed
into the combustion chambers, are located after the diffuser.

The centrifugal compressors for turbojet engines with high
air consumption are usually of the double-entry type.

The use of double-entry compressors makes it possible to re-
duce the inlet diametesr and, correspondingly, the outside diameter,
and thus reduce the diametral size of the compressor as &« whole,
without increasing the air velocity at the impeller wheel inlet.

When the compressor impeller rotates the air between the
impeller vanes is also rotated relative to the impeller axis,
and moves to the periphery (to the diffuser) under the effect
of centrifugal forces. As a result, a vacuum is created at the
impeller inlet, providing for an inflow of external air into the
compressor through the inlet duct.
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External mechanical work is transferred to the air by the
impeller vanes, causing the pressure and velocity of the air flow-
ing through the channels between the impeller vanes in the compres-
sor to increase. A good part of the kinetic energy acquired by the
air in the impeller is converted into potential energy in the dif-
fuser, where the air pressure continues to rise as a result of
the corresponding reduction in its velocity.

In this type of compressor, the air is compressed and moved
by centrifugal forces, and it is this feature which gives the com-
pressor its name of centrifugal compressor.

2., Air Compression in s Compressor
The most important magnitude establishing the efficiency and

specific thrust (power) of an engine is the air compression ratio
in the compressor.

As has already been noted, the air compression ratio in the
compressor ﬂ: equals the ratio of the total pressure at the com-
pressor outlet p: to the total pressure at the compressor inlet p:

™ = pt/pt = pih, ps (5.1)

and when the airspeed is V = O
* *
"co = pt:/""i.npo :

If we assume for simplicity that no heat exchange with the
environment takes place in the compressor (Qon = 0), and that there
are no hydraulic losses (Lhyd = 0), the compressor will be called
an ideal non-cooled compressor. The energy equation at (1.7) can
be written as follows for this type of compressor:

2 2
L:dc - cp/A (Tcad - Ta) +o - °,/28 (5.2)

where Tc ad is the temperature at the outlet of the compressor
under consideration.
The work, L:d o required for adiabatic compression and
changing the kinetic energy of the air in the ideal non-cooled
compressor is called the adiabatic head for the compressor.
If we introduce the parameters of the stagnated flow, it is
obvious that the equation at (5.2) can be rewritten as

L*, = c_/A (T* - T#*) (5.2,a)
ad, p/ ( Cad a '

Since T: = T:, and Cp/A = kR/k~1, and since, in addition,

because of the adiabatic equation

T, /T* afp \'-7.—' L=
=/ R
Caa 7‘:‘ =) "

we finally obtain

LI ]
Laa, = 1R (r' g '——1). (5.3)



RA-017-68 91

From whence, substituting k/k-1¢R = 102.5 and k/k-1 = 3.5 |, we
obtain

™ (1 L:dc/voz.s T2)33, (5.4)

Consequently, ﬂ: not only depends on the magnitude of the
adiabatic head, but also on ‘l‘:, that is, on the airspeed and alti-
tude (and on the outside air temperature To)' Therefore, when we
aseign a magnitude tc the compressor's compression ratio, we must
also indicate the conditions under which it applies. As a rule,
n’ is given for standard air temperature on the ground, T = 228°%
(t = + 15°C) and for airspeed of V = 0 (H = 0). A lin‘lo-.tngo
contrifug-l compressor provides a Hl of b 5 to 4.8, and one stage
(subsonic, see below) of an nxi-l-flow compressor can provide a
rs ot of 1.25 to 1.35. This latter also serves to explain the
necessity of using multi-stage axial-flow compressors mentioned
above,

The pv-diagram (fig. 50) can be used to measure the adiabatic
head, as well as the total work of adiabatic air compression in
the compressor, by measuring the area contained within the lines
for the compresstfon process and the pressure axis. Consequently,
ir LLI is the adiabatic compression from pressure p: to a pres-
sure p:. the adiabatic head, L:d c ? will be represented by the

area Obe.dl.

Figure 501 Adiabatic head of a compressor
in the pv-diagram.

In the TS-diagram (fig. 51) the compression adiabat is re-
presented by the segment ac_gq¢ parallel to the temperature axis,
and limited by the isobars corresponding to the initial pressure
p: and the terminal pressure p: of compression in the compressor.
The adiabatic head (its thermal equivalent)can be represented in
this same diagram. Actually, as will be seen from the equation
at (5.2,a), the adiabatic head (in thermal units) equals the heat
of the isobaric process taking plac. in the temperature interval
from T: to ‘!‘: ad® At the same time, it is obvious that in this
case the isobaric process can be represented by the curve cC . a
(fig. 51), and the heat of this process by the area Oc_4b:
sequently, the adiabatic head will be represented by the area
Occ.db in the TS=-diagram.

Con-
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| S

[ $ 5
Figure 51t Adiabatic head Figure 52: pv-diagram for
in the TS-diagram. air compression in a compressor.

A real compresaor, and particularly an uncooled one, differs
from the ideal compressor by the hydraulic resistances (Lhyd ¥ o).
Moreover, in the real compressor some heat is transferred from the
compressed air to the environment through the walls of the compres-~
sor housing because the temperature of the air in the compressor
is higher than the outside temperature. However, the amount is
relatively small, and can be disregarded in the compressor cal-
culation without incurring any appreciable error, assuming that
Qo = 0,

The external work that must be added to 1 kg of air to com-
press it in a real compressor, or the so-called internal work done
by the compressor®can be determined through an equation similar
to that at (5.2,a) after substituting the real temperature at the
end of compression ’l‘: (at the outlet of the real compressor) for
the adiabatic temperaturse T:d ¢’

Le“Tél"R(Q"T;)~ (5.5)
The work done by the hydraulic resistances, l‘r' is converted
into heat “‘hyd « thd' and absorbed by the compressed air, so
that the compression process in a real, uncooled compressor takes
place along a polytrope with an exponent n larger than the ex-
ponent, k, of the adiabat, and therefore
* =ty
‘/c"r_r"";("é' =t (5.6)
On the other hand, the internal work done by the compressor
expended on polytropic air compression and in overcoming the
hydraulic resistances, so can also be deterained through the
Bernoulli equation at (1.16), which can be written in the followe
ing form

L, . = x.p ¢t L (5.7)

where Lr is the work done by the hydraulic resistances;

.Thll work is sometimes called the or ()

the compressor.



RA-017-68 93

Lp c is the total work done by the polytropic compression
(polytropic head) from the initial pressure P} to full
pressure p: at the compressor outlet.

The value of n, the polytrope exponent, for centrifugal com-
pressor used in aviation gas turbine engines operating under designed
operating conditions, ranges approximately from 1.52 to 1.62, and
for axial-flow compressors ranges froam 1.46 to 1.52,

For a given compression ratio, and the same initial conditions,
the total work of polytropic air compression Lp c (the polytropic
h.-d) is greater than the adiabatic head, L:d c! by some magnitude
Lv' because in the real compressor the air is hesated by heat
equivalent to the work done by the hydraulic resistances, Lr (tho
compression polytrope with sxponent n > k is located above the
adiabat)

ch'l':dc

+L, . (5.8)
The air compression process in a real compressor is represented
in the pv-diagram in figure 32, where ac is the compression poli-
trope with n > ¢, and ac_y is the adiabat of compression to the
same pressure, pg. In this diagram the total politropic compres-
sion work, L c is represented by the area ObSa, the adiabatic
head, L:d ) by the area Obc.d.. and the additional work, Lv' by
the area ac 4¢° This additional work is a secondary rebult of
the effect of the hydraulic resistances occasioned by heating and
the resultant increase in volume. The increase in air compression
work it is not solely additional work. Moat of the additional work
added to the air in the real compressor, that is, the work of the
hydraulic resistances, Lr' is not represented in the pv-diagram,
since it is not a function of change in air state.
In the TS-diagram (fig.’53) the polytropic compression process
with index n > ¢ is represented by the curve ac which slopes to
the right of the adiabat, ac 4
the heat added to the air during polytropic compression. In this
case this heat is equivalent to the work of the hydraulic resist-
ances. Therefore, the work of the resistances, Lr (in thermal
units ALr) is represented in the TS-diagram by the area bacd.
Area Occ-db in turn represents the adiabatic head, L#* s and the

ad ¢
area ac_,c represents the additional compression work,as is obvious

The area below the ac curve is

from a comparison of the pv- and TS-diagrams.

s
Figure 531 The air compressionj | ——— ——_
process in a TS-diagram. I /

12
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Based on the equations at (5.7) and (5.8), the internal work
done by a real compressor can be represented in the form of the

*
Lice=Lg ¢

80 will be represented in the TS-diagram by the ~.m of the areas
listed above, that is, by the area occd.

Thus, the internal work done by a real compressor, as well
a8 all components of this work, can be represented very clearly
in the TS-diagram.

Let us now consider soms special features of air compression

+L, +L, (5.9)

in the multistage compressor.

The process of changing the air state during air compression
in a multistage compressor is shown in tha pv-diagram in figure 354.
Air compression in the ideal compressor will take place along
the adiabat ac 40 and the compression adiabats in the individual
stages, al", 1"2", and z'e'.d coincide with 1it.

Figure 543 Diagram of air compression in 7

a multistage compressor.

The adiabatic head of the compressor as a whole is represented
by the area Odc.dn. and the adiabatic heads of the individual stages
of the ideal compressor are represented by the areas Obl"a, bc2"1",
and cdc.dZ". Tespectively.

In the real multistage compressor the compression process will
take place along the adiabat with index n, which in general, will
be different for the different stages. In the special case when
n is identical for all stages the compression polytropes for the
compressor as a whole, as well as for its individual stages, will
be common (will coincide).

Figure 54 shows the compression polytrope for a multistage
compressor as the curve ac. Sections al, 12, and 2c of this curve
are the compression polytropes for the individual compressor stages.

The actual air state at the outlet of the first etage is
established at point 1, at the outlet of the second stage at point
2y etc. Accordingly, the compression adiabates for the individual
stages will be the curves al", 12", 23', etc., (these adiabats
msust be developed from the points establishing the actual air
state at the inlet to the stage in question).
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The total Polytropic compression work done by the individual
stages is described by the areas Obla, be2t, cdc2, while the total
Polytropic work done by the compressor as a whole is area Odca,
equal to the sum (duign-ted by L), of the polytropic work done by
the individual stages

L aZL .
P Pat

The adiabatic heads, L:d st’ in the individual stages of the
real compressor, are areas Obl"a, bc2'l, and cdl'2, It is readily
seen that the sum of thess areas is greater than area Odc‘dm so0,
the adiabatic head for the compressor as a unit is less than the

Sum of the adiabatic heads in the individual stages

L#

'dc <z L:

dnt.

This difference is explained by the fact that the actual
temperature at the outlet of each Preceding stage is higher than
the temperature at the end of the adiabatic compression in that
stage up to the same pressure. In othbor"\:.ordn. the discrepancy
between L:d e andZ L:d st is oxpl-inod/ygronor heating of the air
in each stage than would be encountered in the ideal compressor.

It is obvious that the discrepancy between l':d c and the sum
EL'd ot will increase with an increase in the number of stages,

as :011 A8 with an increase in the hydraulic Tesistance in each
stage.

The internal work, l.1 P done by the multistage compressor
a8 a unit can, naturally be fixed as the sum of the internal work

done by the individual stages

However, the compression ratio in g multistage compressor
depends on the magnitudes of the compression ratios in each stage,
and is equal to their product.

3. ¢ cien:

As a rule, the efficiency of the real compressor is arrived
at by comparing it with the ideal compressor.

The measure of comparison used for uncooled compressors in
Particular, and the compressors used in aviation 8as turbine
engines are of this category, is the ideal uncooled compressor
in which the internal work done is equal to its adiabatic head,
and is the minimum required to compress the air to a given pres-
sure in an uncooled compressor,

The ratio of the adiabatic head, L"d ¢? Corresponding to

al
air compression to a &iven Pressure, to the internal work, Li c*
(exclusive of mechanical losses) actually done in the compressor
to compress the air to that same Pressure, is called the COmpDrog-

ic 1 n

MTad c ™ L:d c/l'i c’ (5.10)
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Since, according to the preceding equation,

LRa ¢ =Ll (Lr+Lv)'

then
Nad ¢ = ! -Lr¢Lv/Lic (5.11)

The adiabatic efficiency only takes into consideration those
energy losses (work done) associated with the presence of hydraulic
resistances. The greater these resistances, the lower the adiabatic
efficiency, However, the magnitude of the work done by the hydraulic
resistances in a compressor cannot be established directly by the
adiabatic efficiency. For example, if nnd c " 0.8, 20 % of the
work done, Li ¢! is lost (as compared to the ideal compressor)
simply because of the presence of the hydraulic resistances. But,
as will be seen from the equation at (5.11). the work, Lr' done
to properly overcome the hydraulic resistances is less than 20 %
of work L:l. p The magnitude of the hydraulic resistancos in a
compressor can only be determined indirectly from the value of
Tad c*

After substituting the expression for work L:l ¢ in the equa-
tion at (5.5) in equation (5.10), we obtain

Nad ¢ = L2y 0/102.5(1*: - 'r:). (5.12)

From whence we find the actual increase in the temperature
in the compressor

Atc'T:'T:'L:dc

AL T (5.13)

The adiabatic efficiency of a multistage compressor is less
than the adiabatic efficiency of its individual stages. The fola
lowing discussion will be the basis for the statement.

Let us assume, for simplicity's sake that the adiabatic
efficiencies and heads for all COmpressor stages are identical.
This being so, the internal work done in each stage will be the
same and if z is the number of stages

l”‘:d st * 'L:d st
TLy o = 3Ly 4¢ = Ly

Hence, we can write the following for the adiabatic efficiency
of a stage
Tad st ® Llq ge/Ly oy * L2y 4¢/Ly o
that 1s, the adiabatic efficiency of a stage will be equal to
the ratio of the sum of the adiabatic heads for all stages to

the internal work done by the compressor as a unit. At the same
time, the adiabatic efficiency of the compressor is nnd c'l':d e/Li.e'
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But it was shown above that L:d c < ZL:d st’ B° 'n.d ¢ < 'n.d st?
and this discrepancy increwses with increase in the number of stages.
The magnitude of compressor adiabatic afficiency for present
day aviation gas turbine engines is (at the design point):
n = 0,84 to 0.88 for axial-flow, multistage compressors;
n = 0.86 to 0.90 for individual stages in axial-flow
compressors;)
Nad ¢ = 0:72 to 0.78 for centrifugal (single-stage) compressors.
The polytropic efficiency too is often used to assess compres-

ad ¢
ad ¢

sor efficiency.

Compressor polytropic efficjiency is defined as the ratio of
the total polytropic work, Lp e’ required to compress the air to
pressure p:, to the internal work done by the compressor, Li ¢!
to compress the air to that same pressure

n, - Lp e/1.1 c (5.14)

According to the equation at (5.7),

Lpe'l‘ic'l'r
so

N l-L /L, (5.15)

from whence
Lr" (1 - np) l’t ¢’

S0 we see that the convenience of using the polytropic
efficiency resides in the possibility of making a direct deter-
mination of the hydraulical losses in the compressor and, conse-
quently, of the index of the compression polytrope as wvell.

It is readily seen that the polytropic efficiency is always
greater than the adiabatic efficiency, because L ¢ > l‘:d ¢

For modern axial-flow compressors, N_ = 0.86 to 0.90 (in
individual ceses as high as 0.92), and for centrifugal compres-
sors np = 0,76 to 0.80,

The work, l.1 c? added to the air in the compressor is always
slightly less than the work done in driving the compressor because
the compressor has mechanical losses associated with friction in
its bearings and in the transmission (if any). These losses are

taken into consideration in the gompressor mechanical efficiency,
established through the relationship
n-c-"'i c/Lc (5"6)

where Lc is the effective work done by the compressor, that is,
the work done in driving the compressor, and including
mechanical losses equated to | kg of compressed air.
For modern centrifugal and axial-flow compressors, My c ™ 0,98

to 0.99. High e is explained by the fact that aviation gas

<
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turbine engine compressor shafts are mounted in anti-friction
bearings, and the compressor rotors ars usually driven directly
off the turbine shaft, without intermediate transmissions.

All energy losses in the compressor, mechanical, as well as
those associated with the hydraulic resistances, are taken into

consideration in the overall, or sffective efficiency of a compres-

sor, nc. This efficiency is equal to the ratio of the adiabatic
head to all the work done by the compressor, that is, to the

effective work done by the compressor
Ne = L3a c/Lc (5.17)

or

"e ™ Mag cm c* (5.18)
Knowing the magnitude of the effective efficiency, it is
possible to find the required compressor rating for a given air
flow and a known magnitude of adiabatic head.
Since the work done per second to drive the compressor can be
established by multiplying the weight flow per second of air, G

through the compressor by work Loy the rating, N required for

.'
C'
the compressor will be

Nc: - GILC/75 - Gll‘:d c/7snnd cn- c (5"9)

Compressors in modern turbojet engines have extremely high
ratings, from approximately 10,000 to 15,000, to as high as 40,000
to 45,000, hp, and higher.

4. Fundamentale of Axzial-=Flow Compressor Theory

Yelocity Plen and Internal Vork Done by a Stage

A schematic diagram of an axial-flow compressor is shown in
figure 35. The principal compressor dimensions are:

D' is the outside diameter of the rotor wheelj
Dhub is the hub diameter;
[4 hub.bhub/nv is the relative hub diameter;
D-o.n'ow’bhub/z is the mean diameter of the rotor wheel;
h is the blade height.

If the blades of an axial-flow compressor are made to inter~
sect a cylindrical surface at some diameter D concentric to the
compressor axis, and if the intersection surface is developed on
the plane of a drawing the development will provide so~called
cascades of rotor wheels and pre-rotation vanes (fig. 36), and
the cascades of rotor wheels appear to us as moving at velocity u,
equal to the circumferential velocity of the rotor wheel at given
diameter D.

Figure 551 Schematic diagram 701‘7 an axial-flow
compressor.
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A cascase is defined as a series of identical aerodynamic
profiles arranged on some surface equidestant from each other.
If the profiles are arrangsd parallel to each othsr on the plane
the cascade is called rectilinear. However, if the profiles are
arranged on a cylindrical surface, as in an axial~flow compressor
for example, the cascade formed by them is called a circular cas-
cade.

The set of rotor wheel cascades and the pre-rotation vanes
following them are called an elementary atage.

The principal geometric and aerodynamic parameters of a cas-
cade are (fig. 57):

t anD/s is the cascade pitch for a given diameter, D, and
nusber of blades, £}

b is the profile chordj

b/t ie the cascade solidity;

8" and 35 are the angles at which the profiles are installed

at inlet and outlet, respectively;
B‘ and ﬂz are the air flow inlet and outlet angles;
i B; - 9,". is the incidence for the profile;
0= 35 - B; is the blade-camber angle;
c is the maximum profile thickness.

The principal cascade parameters in an axial-flow compressor
gonerally change in a radial direction, that is, with the height
of the blades. Consequently, an axial compressor stage (a complete
stage) is a set of individual, elementary stages.

Let us consider the air movement through an elementary stage
in an axial-flow compressor (fig. $6). Air moving at velocity cq
approaches the guide vane (G) located in front of the first stage
rotor wheel, moving axially.

929

The airat the guide vane outlet will not only be moving axially,

but circumferentially as well. In other words, the guide vanes
impart an entry spin to the air, the magnitude of which is deter-
mined by the circumferential componhent, Cryut of the absolute
velocity, L) at the guide vane outlet.

The entry spin in the guide vane can be imparted in the direc-
tion the rotor wheel is moving (in the direction of rotation, +c1u)
a8 vell as against that direction (against the direction of rota=~
tion, - °1u)' Both types of entry spin are found in existing
axial-flow compressors, as is a purely axial entry of air (in
which case there are no guide v-m-).

Thus, the air approaches the rotor blades with absolute
velocity €y and at some angle relative to the compressor axis in
the general case.
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Figure 561 Schematic diagram of the vane cascades
in an axial-flow compressor.

Stage

The air, while in the rotor, is exposed to the effect of the
moment of the external forces caused by the action of the rotor
blades on the flowing air, so that its angular momentum relative
to the axis of rotation of the rotor (of the compreasor rotor)
is increased; that is, the air is whirled in the direction of
rotor rotation. The air leaves the rotor with absolute velocity
Cot the circumferential component of which, Coy? usually coincides
with the direction of rotation of the rotor.

The air enters the straightener(s) beyond the rotor wheel
with velocity CPY) and leaves it with velocity c3. If velocity c3
is less than velocity LY the air pressure in the straightener is
increased (due to the conversion of kinetic energy into potential
energy), and the straightener functions in this respect like a
diffuser. However, if velocities ¢ and €, are equal in magnitude,
the straightener functions like a simple flow deflector and there
is no conversion of velocity into pressure.

Figure 571 Principal parameters of a cascade.

The axial=-flow compressor stage is very often designed so
velocities c3 and ¢, are equal in magnitude and direction. Now
there is no change in the kinetic energy of the air in the atage,
an  the external work input is only used to compress the air and
to overcome the hydraulic resistances in the stage.
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The magnitude and direction of absolute and relative air
velocities in the stage, as well as their circumferential and
axial components, are established through velocity triangles.
Figure 58 shows the velocity triangles at the inlet to the rotor
cascade, and at its outlet when the entry open given the air is in
a direction opposite to that of the rotor.

iy 4
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Figure 58: Velocity triangles for a rotor
cascade.
It has already been pointed out that the axial velocity of

the air flow in a compressor is kept constant, or is slightly re-
duced, from the first to the last stage. However, even in the
latter case, the axial velocity in an individual stage can be taken
as constantg C1a = €20 ® cja' Moreover, the circumferential blade
velocities at the rotor inlet and outlet are equal for a given
diameter (u‘ - uz). Therefore, it is convenient to consider the
velocity triangles as congruent. Congruent velocity triangles for
& rotor, called a velocity plan, are shown in figure 59, where (as
in fig. 58):
¢, and L are the absolute air velocities before and after

1
the rotor;

®1u and €ou are the circumferential components of velocities
c1 and °2'

Cy = Cia ® €2a is the axial component of the absolute air velo=-
city in the compressors;

v, and vy are the relative air velocities at the rotor ine
let and outlet;

Yiu and Yau are the circumferential components of velocities
v, and Wy

a1 and a2 are the angles between the directions of veloci=-
ties c, and LPY and the direction of the cir-
cumferential velocity;

B1 and Sz are the anglesbetween the directions of veloci-
ties w, and Wyr and the direction of the circume
ferential velocity;

u is the circumferential velocity of the rotor for

a given diameter;

Acu = Chu " %14 is the air spin acquired in the rotor for a change
in velocity (with respect to direction) from
c' to °2’
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What follows from the plan is that

O,

RS
Gk’

=1, —n,

o

from wh e, and r
the direction of operation, we obtain

ring that the entry open was opposite to

8, = 0y = (~ 0} = 10y, - 1,
or putting it another way, we can also determine the air spin,
Acu, in the rotor through the difference in the circumferential
components of the relative velocities.

If the axial velocity, Cqt at the rotor inlet, the entry
spin, Sy’ the circumferential velocity u, and the air spin, Ac
in the rotor are known, all the other velocities in the stage, -nd
their directional angles, can be found from the velocity plan.

In order to determine the circumferential velocity, u, and
the air spin, Cyr in the rotor, we must know the relationship
between these magnitudes and the external work added to 1 kg of
air in the rotor, that is, the internal work, L1 at? done in the
stage. This relationship can be established on the basis of the
equation for angular momentums, which can be written as follows
with reference to the axis of rotation of the compressor rotor,
and as applicable to 1 kg of air flowing through the rotor blades
in a stage with radius r.

M - Ly

st K3
Now, multiplying the torsional moment "-t' by the angular
velocity,w , of rotor rotation, we obtain the sought for internal
work done in the stage

L = (l"e' = _’1"1((:"...‘-”’)’ L

i st ,
but ry, = u and (& —cn) = 8¢,y 80

Ly g ® _'__\L_ (5.20)

From whence it is seen that for a given circumferential
velocity u, the air spin, Acu, in the rotor and, consequently,
the internal work (head, compression ratio) done in the stage as
well, will increase with a decrease in the entry spin along the
path (+c1u). The spin, 4 ., in the rotor will increase to an even
greater degree if, for the same velocity, u, an entry spin in the
opposite direction (-c1 ) is imparted to the air, since in this
case .= —"(=d) <o, + e (fig. 59). At the same time, the
relative inlet velocity, @y, will also increase (for given values
of velocities ¢, and u).

If there is no entry spin (clu = 0), and if the circumferential
component of the absolute outlet velocity 1is Coy = Wy Acu = u, and
the work done in the stage will be

L, 4 = ui/e. (5.21)
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The ratio between the adiabatic head for the stage and this
work is usuvally called the head pressure coefficient (relative
head) for an axial-fiow compressor stage, and is designated fl

fle L, "/uz/g . (5.22)

Knowing the head pressure L:d ot® 8Nd given the coefficient
ﬂ, we can find the required circumferential velocity for the stage
through the formula

v .m/n (5.23)

Axialeflow compressors used in turbojet engines have fl=0.15
to 0.30, and u = 240 to 300 m/sec, for the mean diameter of the
rotor (in individual cases f w111 reach 0.35 to 0.40, and v 350
to 370 m/sec).

| is J .'—.....‘?_-I
gy P |
— e T |
—_—
Figure 59: Velocity plan for a rotor cascade.
Compressor Stage Resction Ratio

The work, Li ot? done in a stage is expended on polytropic
air compression, on increasing the air's kinetic energy (1if c3>c‘),
and in overcoming resistance in the stage. The same work done in
the stage to compress the air and associated with increasing the
air pressure can be distributed in different ways between the rotor
and the straightener after it (air compression occurs in the latter
as a result of the reduction in air velocity).

In order to describe the distribution of all the compression
work done in a stage (or the tototal increase in pressure) between
the rotor and the straightener, we will introduce the concept of
& compressor stage reaction ratio.

The compregsor stage regction ratio Pe is the relationship
between the adiabatic work done to compress the air in the rotor,
L‘d wh 8nd the internal work done in the stage Lt st (the theo-
retical head) i.e,

P, =& - L, 'h/uAcu. (5.24)
If there are no losses in the rotor (Lr wh *® 0) work T
will be expended in the adiabatic compression and in increasing
the kinetic energy of the air flowing through the rotor. There-
fore, in this case the adiabatic air compression work done in the
rotor will be

= n.\r,,” )

ad wh = . (5.25)
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Let us express velocities €, and <, in terms of their circum-
ferential and axial components, assuming that the axial components

are equal) €12 ® ©24° Then,
G- Gme, =6, 4 ) (6, —0,)
Moreover, ¢, —c; =Ac, 8N4 &, =c, + A0, + 80 we can write
Lad wn * —"—‘;—"—-—3-;"— (Ac, + 2¢,.). (5.26)

Substituting this dependence in the expression for the reaction
ratio (5.24), and reducing, we obtain

P Ll — e (5.27)

Vhat follows now is that for specified values of rotor circum-
ferential velocity, u, and air spin, Acu. in the rotor, the reaction
ratio Pgr and consequently the distribution of the total air compres~
sion work done in the etage between the rotor and the straightener
well, depend only on the magnitude and direction of the entry spin,
€u? before the rotor.

The less the entry spin in the direction of flow (+ °lu)' or
the greater the epin in the opposite direction (-e'u). the higher
the stage reaction ratio, that is, the greater will be the amount
of total compression work done in the rotor, and the smaller will
be that done in the straightener.

If the reaction ratio is P, * 1, all air compression (all
the pressure increase) takes place in the rotor, and there is no
pressure increase in the straightener. Now (pc = 1) through the
formula at (5.27) we find

¢ Y

y st (5.28)
in other words the entry spin, €t given the air should be opposite
in direction to rotor rotation.

If the reaction ratio is P, ® 0, only the kinetic energy of
the air is increased in the rotor, and pressure is not increased
(there is no compression)., All the air compression, and the cor-
responding incresse in air pressure, takes place in the straightener
(because of the reduction in the air velocity that occurs in u).
Now, from the formula at (5.27), we have

et 20 (5.29)

Since it is usual for Acu<u, the initial air spin in this
case should be directed in the direction of rotation of the rotor
).

The two extreme cases considered above (p_ = 1 and p = 0)

(’ciu
are never encountered in practise. Existing axial-flow compres-
sors usually have intermediate reaction ratios, and very often
pcw0.5, that is the total air compression work is divided evenly
between the rotor and straightener.
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The preliminary spin providing P. = 0.5 is, according to the
formula at (3.27)

l',“.—a—"—_l_“ﬁl. (5.)0)

and should be directed with compressor rotation because u > Acu.

WVhen Pc = 0.5, the velocity plan is symmetrical, and the cor-
responding velocities and flow angles prove to be identical in the
rotor and the straightener. Therefore, the rotor and straightener
are identically loaded and can have completely identical blade
shape and dimensions. In addition, minimum losses (profile losses)
are obtained in the rotor and straightener cascades. As a result,
P ® 0.5, or a so-called 50% reaction ratio is used in many axial-
flow compressors for aviation gas turbine engines.

n [} v S =Flo

A reduction in diameter and, consequently, a reduction in the
weight, of an axial-flow compressor for a given air flow, that is,
an increase in compressor capacity for the air flow through its
first stage, is obtained by increasing the axial velocity, Cat of
the air at the compressor inlet.

Another important way to reduce compressor weight is to ine
crease the head pressure developed, or the degree to which the pres-
sure in one stage is increased, and the number of stages associated
with this reduction for given ":, which is in turn achieved by in-
creasing the circumferential velocity, u.s of the compressor rotor,
all other conditions being equal.

However, a simultaneous increase in velocities Co and ug is
extremely limited, because the relative velocity, v of the air
washing the blades, which have conventional profiles, rapidly
approaches the speed of sound. The result is a sharp increase in
losses in the stage, causing an unacceptable reduction in stage
efficiency.

In order to achieve a significant increase in the circumferen-
tial velocity of the compressor blades, and at the same time ensure
high compressor capacity by high values of inlet velocity, Cat and
retain acceptable magnitudes of compressor efficiency while doing
80, a transition must be made to so-called supersonic stages.

~flow com seor stage is defined as a stage
in which the relative air velocity at the rotor inlet or at the
straightener inlet (or at both at the same time) exceeds the local
speed of sound. And the circumferential velocity of the rotor is
limited only by structural strength, and can be increased signifi-
cantly as compared with the permissible velocity for a conventional
subsonic stage.

The characteristic difference in the supersonic stage is that
shock waves develop in the vane channels of the cascade carrying
the supersonic flow., These channels also cause the transition from
supersonic air velocity to subsonic air velocity, In addition, in
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the supersonic stage the profiles of the blades carrying the super-
sonic flow should have pointed leading edges, because only in this
way can the shock waves be inside the vane channels and can a large
area of the profile surface be washed by the subsonic flow. On

the other hand, if conventional subsonic profiles with blunt lead-
ing edges are used for thess blades, a shock wave with a curvie
linear front will develop in front of each profile (blade). A zone
of subsonic velocity will follow this shock wave. But the velocity
will increase again further on in the direction toward the cascade,
so that during subsequent washing of the profiles in the cascade
(the blades of the rotor or straightener) almost all of their sur-
faces will be subjected to supersonic velocity. This will result
in an unacceptable increase in stage losses.

Generally speaking, an elementary supersonic stage for an
axialeflow compressor can be designed in different ways. As an
example, let us consider the conventional design employed, wherein
the relative supersonic velocity, e at the rotor inlet (v' > LY
that is, M' > 1) is subsequently transforwmed into a subsonic velo-
city by one normal shock wave, two oblique shock waves, or one
normal and one oblique shock wave. Velocity L at the inlet to
the straightener too is subsonic (c2 < nz). Moreover, let us simpli-
fy the example by assuming that the direction of the relative velo-
city of the air does not change in the rotor (p‘ - dz).

The profile cascades of the guide, rotor, and straightener
in this supersonic stage design are shown in figure 60, and the
corresponding velocity triangles in figure 61. In this case the
air is given a preliminary counterrotational spin in the guide (G)
and approaches the rotor at an absolute subsonic velocity, c. Howe
ever, relative velocity, e becomes supersonic as a result of the
high value of the circumferential velocity, u, and the effect of
the direction of the preliminary spin. The transition from a
relative supersonic velocity, Vi to a subsonic velocity, Vo
takes place in the shock waves inside the vane channels of the
rotor. The air leaves the latter at an absolute subsonic velocity
Cas which is subsequently reduced to magnitude 03 in the straight-
ener. Thus of all the velocities only one velocity, LI exceeds
the local speed of sound., All others are subsonic.

]
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Figure 60: Schematic diagram of a supersonic stage.
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Let us note in conclusion that e normal shock wave or a syse~
tem of oblique and normal shock waves in the vane channels of a
supersonic stage in an axial-flow compressor will cause no sig-
nificant reduction in the stage efficiency, because at relatively
low supersonic velocities, the losses in the shock waves are small
compared to the other types of losses in the stages, such as, for
example, compared with flow separation after the shock wave, and
the other types of losses discussed earlier.

A
LR o |

"*igure 611 Velocity plan for a supersonic
stage when 81 - ”2'

3. Centrifugal Compressor Theeory in Brief

The principal dimensions of a centrifugal compressor are
(rig. 62)s
is the outside diameter of the impeller;
D, is the impeller inlet diameter;
D_ is the impeller hub diameter;
D is the average diameter at the impeller inlety
l)3 and D,. are the inlet and outlet diameters of the vaned
diffuser, respectively;
bz is the width of the vane at the impeller outlet;
"3 and bb are the widths of the vaned diffuser at inlet and
outlet, respectively.

Figure 621 Schematic diagram of a centrifugal
compressor,

As a rule, centrifugal compressors in turbojet engines have
the following ratios:

n, ., J o
-“"- =06 tot)7; D= 0,25 to 0,20,
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Let us intersect the compressor impeller by a cylindrical
surface of diameter D‘. coaxial with the impeller, and let us
develop the intersection surface on the plane of a drawing relative
to axis A (fig. 63). In this development the section of the impel =
ler disk, a, together with the sections of its vanes, b, appear
tobe moving at velocity U, equal to the circumferential velocity
of the impeller at the inlet radius, r, = D‘/Z.

Figure 6)1 Velocity triangle at the inlet to the
centrifugal compressor impeller.

Immediately after entering the vane formed by the intake lips
of the impeller vanes the air begins a complex motion; it rotates
with the impeller at circumferential velocity u, = ﬂnin/6o (n 1o
impeller rpm), and moves relative to the impeller at some velocity
v,

The relative air velocity, L) is found from the inlet velo-
city triangle shown in figure 63, where <, is the absolute air
velocity at the impeller inlet, and ¢

and ¢ are the axial and

la 1u
circumferential components of velocity Cye For an axial impeller

input, the circumferential component is c¢ = 0, and €1a ™ Sq*

The divergence between the dir.ctton':t relative air velocity
and the direction of the intake lips of the vanes, that is, the
significant inequality between angles ) and d;. results in an air
flow separation at the impeller inlet which is associated with the
loss of energy and, consequently, with a reduction in the head
pressures generated by the compressor.

As a rule, a so-called rotating guide is used in centrifugal
compressors in aviation engines to prevent the separation flow over
the intake lip of the impeller vanes mentioned above. The intake
lips of the vanes are bent in the direction of impeller rotation
8o they coincide approximately with the direction of relative air
velocity w, (fig. 63). The angle is usually 8] =8, - (2° to 4°).

The angle to which the intake lips of the impeller vanes is
bent can be reduced by using a stationary guide consisting of
stationary vanes fastened to the compressor casing in front of
the impeller inlet. These vanes give the air its preliminary spin
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in the direction of impeller rotation, so the angle G, between
the directions of absolute velocity, Cyr and circumferential velo-
city, U,y can be reduced and, consequently, so can angle B, if all
other conditions remain unchanged (same ¢y and u,). At the same
time, the magnitude of the relative velocity, W,» can be reduced,
a8 will be seen from the velocity +iangle, helping to reduce the
losses in the intake section of tae impeller.

The air at the impeller outlet will be in complex motion, just
a8 it was at the impeller inlet. As will be seen from the outlet
velocity triangle in figure 64, its absolute velocity, €as can be
found by the magnitude and direction of the movable and relative
velocities.

Figure 64t vVelocity triangle at the compressor
impeller ocutlet,
The movable air velocity at the impeller outlet equals the
eircu-f.rnntinlvolocity of the impeller at its periphery

=Dy

=g (5.31)

The relative air velocity, Was at the impeller outlet is
deflected from the radial direction by some angle v in a direction
opposite to 1lp011.r rotation, despite the radial vane arrangement.
This is explained by the fact that air entering the vanes of the
rotating impeller attempts to use its inertia to remain in its
initial state, one in which it was not rotated relative to the
surrounding,stationary, environment. As a result, the air mass
in the impeller is slightly displaced in a direction opposite to
its rotation, so0 that a circumferential component, Yaur of the
relative velocity, ¥ar in a direction opposite to that of impeller
rotation appears. The magnitude of velocity Yau will be less the
narrower the openings between the vanes and, consequently, the
greater the number of vanes in the impeller. This magnitude can
be found through the equation

Wy == {1 p), (5.32)
where u is a coefficient derived experimentally.

As will be seen from the outlet velocity triangle (figure 64)
and from the equation at (5.32), the circumferential component c2u
of the absolute velocity C, can be expressed in terms of the
circumferential velocity uy.

Ca Ml s, (5.33)

The work input to the air in the compressor can be divided



RA-017-68 110

into two parts. One part (L’). is transferred to the air flowing
through the vane channels in the form of mechanical work by the
impeller vanes. The other, (L‘.). is absorbed by the air in the
form of heat released as a result of the friction between the end
surfaces of the impeller disk and the surrounding -tr’. Thus

L =L, + L (5.34)
The dependence of work L’ on the circumferential velocity uy
of the impeller is found through the momentum squation at (1.36)
which can be written as follows with reference to the axis of rota-~

tion of the impeller and as applicable to the air flow through the
impeller (between inlet section 1 1 and outlet section 2 2):

Mc = G./c [N WA (5.35)

where Mc is the torque required to rotate the impeller of a
compressor carrying G- kg of air per second; that 1is, the
moment of forces of the effect of the impeller vanes on the
air.

Knowing the moment with which the impeller vanes act on the
air, we can also determine the work L' which they transmit to 1 kg
of air. For this purpose we must multiply the torque Mc by the
angular velocity, ¥, of impeller rotation, and divide by the air
flow, G.. We obtain

L, = oM /G, .L;'u’-:, (5.36)
Remembering that
Cay == il
Py,
P =1, (5'37)
we can reduce the equation at (5.36) to the form
£, = Lzt (5.38)
v gl *

&

The friction work, Lt' done by the snd surfaces can be found
through the following formula S
Lys=fom>™
/ 2l

£ (5.39)
where £ is the coefficient of "end losses", or the coefficient of

friction work for the impeller.

Centrifugal compressors in existing turbojet engines have
f = 0.06 to 0.10 for single-entry impellers, and f = 0.03 to 0.05
for double-sntry impellers.

Now, if we replace L, and L, in the equation at (5.34) for the
internal work, L1 c! done by the compressor by the expressions found
for them, we obtain

1
Ltc'ﬁﬁh%—ﬁw. (5.40)

IS

.The work Lf was disregarded in the axial-flow compressor
stage because of its insignificance.
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If there is no preliminary air spin, that is, if Ciu ™ o,

Ly o= (w+NE (5.41)

The ratio between the adiabatic head, L:d o! corresponding
to the actual increase in pressure in the compressor, and the
adiabatic head that can be obtained for optimum utilization of
the circumferential velocity of the impeller, ug/g is called the

hrdraulic efficjency of g centrifugal compressor, 7!
n, = L2, c/ug/g . (5.42)

The hydraulic efficiency nh' often called the head pressure
coefficient, establishes the degree to which the circumferential
velocity, LPY of the impeller is used to increase pressure in the
compressor. Centrifugal compressors in existing turbojet engines
have N, = 0.65 to 0.75, and u, = 400 to 480 m/sec.

Passing through the compressor impeller, the air enters the
diffuser. As has already been mentioned, the diffuser can be
either vaneless or vaned. Vaned diffusers are usually used in the
centrifugal compressors in turbojet engines. They always have an
annular clearsnce of about 20 to 30 mm (on one side) ahead of them.
This clearance is, in essence, a small vaneless diffuser. The air
flow in a vaneless diffuser, and the air's velocity triangles, are
shown in figure 65.

]

H ]

Figure 651 Schematic diagram of a vaneless
diffuser.

The increase in the air pressure in the diffuser depends on
the degree to which the abselute air velocity is reduced in it.
Obviously, the increase in the air pressure will be greater the
lower the absolute velocity, Cq» at the diffuser outlet with respect
to the absolute velocity, S at the diffuser inlet.

The magnitude of the velocity ratio, °)/°2' depends on the
relative dimensions of the diffuser and on the nature of the air
motion in it. The ratio between these velocities can be found
through the equation of continuity for the inlet and outlet sections
of the diffuser [N PN
iRy

(5.43)
where Fy=ubDysing, and FaymebsDy are the areas of the inlet and
outlet sections of the diffuser, respectively, normal to the direc-

tion of the absolute air velocities, €y and cJ'



RA=017-68 112

and F, is called the diffuser

The ratio between areas FJ 2

divergence ratio,
Fi e _biDysln By
T = 5.0, " (5.&#)

Any substantial increase in the pressure in a vaneless dif-
fuser would require large diameters '§%==L7c02) and this would
increase compressor size and weight. Moreover, the path covered
by the air particles in this diffuser will be longer, resulting in
a significant increase in losses. This is why vaneless diffusers
are not used alone in centrifugal compressors in turbojet engines,
but instead are usually intermediate devices intended for aligning
the velocity field and reducing the velocity of the air flow ap-~
proaching a vaned diffuser. This reduces hydraulic losses at the
inlet to a vaned diffuser. The divergence ratio for an inter-
mediate vaneless diffuser such as this (the annular clearance)
must provide for the admission of air to the vanes of the vaned
diffuser after it at an acceptable velocity.

What follows from the expression for the diffuser divergence
ratio at (5.44) is that the divergence ratio can be increased for
given diameters if the angle of the air flow from the diffuser is
increased. This is one purposs of the stationary vanes in a vaned
diffuser, for they force the air flow to straighten out so that
the outlet angle, #,, (fig. 66) becomes greater than the inlet
angle, 53. Now the path covered by the air particles is fixed by
the vane configuration.

Figure 66t Schematic diagram of a vaned diffuser.

A schematic diagram of, and the velocity triangles for a
vaned diffuser are shown in figure 66, where it represents the
stationary vanes.

Existing designs of centrifugal comp»zsaors in turbojet

1y . 1,
engines have .I;.-__-ng 3 _;): = 1.25¢01,35; LA 1Nto1,2s *

k3
6. Compressor Characteristic Curves
When installed in an engine a compressor not only operates
under designed conditions, but under conditions differing from
designed conditions as well,
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As a rule, compressor operating conditions are determined by
air pressure and temperature at the inlet (atmospheric conditions),
by the rpm (circumferential velocity of the impeller), and by its
capacity (weight or volume flow of air through the compressor).
Depending on these factors, or combinations of them, the compres-
sor will produce some compression ratio, will have different ef-
ficiency ratings, and will require some amount of power,

Compressor characteristic curves are used to evaluate the
operational qualities of a compressor, that is, to develop basic
data on the compressor when operating under different sets of
operating conditions. A distinction is made between normal and
universal compressor curves, depending on the method of presenta-
tion.

Normal characteristic curves are defined as the dependencies
of the compression ratio developed by a' compressor, and of its
efficiency, on the air flow and rpm for specified conditions at
the compressor inlet (ltnoaphoric conditions). These dependencies
are obtained during tests performed on a compressor in a special
installation.

During these tests the compressor is run at predetermined rpm
(for inatance, by an electric motor), and the necessary measure-
ments are taken as the air flow is changed by throttling the air
at the compressor outlet. Air pressure and temperature at compres-
sor inlet and outlet, and torque at the compressor shaft, are
usually measured. The compressor's compreasion ratio and efficiency
(and if necessavy capacity as well) are computed from the measured
data, thus establishing the dependence ofm : and nad c on the air
flow at constant rpm. Compressor rpm are then changed and the
same operation is repeated.

The result is a series of curves for the change in ": and ﬂad c
as a function of the air flow for different rpm, and these are
the normal compressor characteristics shown in figures 67 and 68.

The shape of the air flow characteristic curves for an axial-
flow compressor is fixed by the nature of the change in the 1lift
factor, Cyr and in the coefficient of drag, Cyr for the profiles
of the impeller vanes and straightener.

In reality, the axial velocity of the air at the impeller
inlet, €a? decreases with a decrease in the volume flow of air,
and as a result the angle of attack, i, of the vane profiles in-
creases when n = const (u = const) (figure $9). Initially, the
coefficient (:y increases significantly with an increase in the
angle of attack, but subsequently drops sharply, beginning at
some so-called critical angle of attack, and this is accompanied
by a significant increase in the coefficient of drag, Cx (figure
70). In the axial-flow compressor this also results in the nature
of the dependence of efficiency and compression ratio on the air

flow being as mentioned above, and this is also the reason for
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the greater sensitivity of the axial-flow compressor to changea
in operating conditions (efficiency and compression ratio are
greatly reduced when there is a deviation from designed air flow).
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Figure 67: Change in Nad Figure 68: Change inn b
as a function of Ga' as a function of Ga'

In the case of the centrifugal compressor this shape of the
characteristic curves is the result of a significant increase in
hydraulic losses (primarily at the impeller inlet and in the
vaned diffuser) when there is a deviation from air flows close
to designed (for a given rpm).

ferit
Figure 69: Change in vane Figure 703 Dependence of
angle of attack with change coefficients c¢_ and ¢_ on
in air flow. the angle of aftack.

The operational stability of a compressor is degraded when
the air flow through the compressor is below a predetermined
magnitude. Sharp, periodic, pressure and air velocity fluc-
tuations develop; the air flow begina to pulsate. Compressor
efficiency and average air pressure at the compressor outlet are
greatly reduced. This phenomenon, called surging, is accompanied
by a unique noise, one not inherent in the compressor when opera-
tion is stable, and by shaking (vibration) of the compressor (see
below for details).

The line connecting the points on the compressor charac-
teristic curves corresponding to the onset of surging for dif-
ferent rpm (dotted curve in figure 68) is called the limit of
unstable compressor operation, or the surge limit. The area of
unstable compressor operation is to the left of this line, and
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the area of stableoperation is to the right. The lower the rpms,
the lower will be the air flow at which unstable compressor opera=
tion sets in.

Normal characteristic curves are valid only for those condi-
tions at the compressor inlet (atmospheric conditions) for which
they were found experimentally. Therefore, a thorough assessment
of the operating qualities of a compressor requires a great many
curves, constructed for different compressor operating conditions.
Herein is a significant shortcomming in normal characteristic curves,
and as a result they are practically not used for analyzing and
evaluating compressor operating qualities, but instead are only
a basis for constructing the so-called universal characteristic
gurves.

Unlike the normal characteristic curves, universal charac=
teristic curves make it possible to evaluate the operational quali-
ties of a compressor for different values of air pressure and
temperature at the compressor inlet (tor any atmospheric condi-
tions), and therefore are widely used because they are more con-
venient for practical use.

The concept of similar compressor operating conditions which
is based on the general theory of the similarity of gas flows,
will be introduced for constructing universal characteristic curves.

Similar operating conditions for a compressor are defined
as those under which the streams of air flowing through the com-
pressor remain similar to each other, regardless of changing cone
ditions at the compressor inlet (temperature, pressure), rpm, and
air flow rate.

We know from aerodynamics that ailr streams flowing inside
geometrically similar bodies, or washing them on the outside, are
similar 1if they satisfy the conditions of kinematic and dynamic
similarity.

In the event of any change in operating conditions for a
glven compressor, the condition of geometric similarity for its
flow section will, of course, remain valid if we disregard the
insignificant change in the geometric dimensions of the compres-
sor that result from the change in its temperature, and if the
compressor is not equipped with vanes that pivot during operation.

Kinematic similarity of air streams requires that similar
points of their velocity triangles be similar to each other. In
other words, in similar streams, the trajectories over which the
alr particles move, as wellas the shapes of the flow passages and
bodies (vanes) washed by the air, must be geometrically similar,
and the air velocities must be proportional to each other at all
similar points. Similar points in similar streams are points with
identical locations with respect to the boundaries of these streams
(for example, on the mean inlet diameter of the first compressor

stage, etc.).
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The condition for dynamic similarity of air streams is that
the ratio between all comparable forces (inertia,gravity, pressure,
and friction forces) acting on a volume element at similar points
in these streams must be identical. This similarity condition is
the determinant.

When air moves along a passage or washes different bodies
(vanes) at high velocities, the condition of dynamic similarity
of flows is expressed by the equality of the Mach numbers at
similar points.

It should be noted that this definition of the similarity
condition for air streams will be correct if we neglect the effect
of heat exchange, and the dependence of the thermal capacity of
air on temperature, and assume that the coefficients which define
the magnitude of the hydraulic losses (friction) are conatant.
However, experience shows that in the majority of cases these
assumptions will cause no significant errors, and that the relation-
ships thus obtained are sufficiently accurate for practical pur=
poses.

Thus, similar operating conditions for a given compressor
are those operating conditions under which the Mach numbers (cal-
culated for any speed) remain constant in all compressor sections,

It is obvious that similar operating conditions can apply not
only to a given compressor, but also to a whole family of dif-
ferent compressors, if they are geometrically similar, that is,
if all similar dimensions are proportional to each other.

Let us consider the conditions under which compreasor operat-

ing conditions can be similar.

If all other conditions are equal, a change in air pressure
at the compressor inlet will change the pressure in all compressor
sections in proportion to inlet pressure, but air temperature and
air velocity, and consesquently the corresponding Mach number will
remain constant. Therefore, in this case the similarity in com-
pressor gperating conditions is undisturbed.

Let us now suppose that for certain values of compressor in-
let temperature, T., compressor rpm, n {circumferential velocity
u“), and axial air velocity, Cia? at the inlet (volume flow of
air), the inlet velocity triangle has the form shown in figure 71.

If the air temperature at the compressor inlet changes, but
the rpm, n (circumferential velocity u) and axial velocity 1a
(volume flow of air) remain constant at the new temperature, T2
it is obvious that the velocity triangles for inlet temperatures
Ta and T; will be identical, and therefore the condition of
kinematic similarity of air streams at the compressor inlet, that
is, similarity of velocity triangles, will be observed. However,
it is readily seen that in this case the Mach number at the inlet
will be different. In the first case tha local sound velocity
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equals *=2VT7, and in the second it is a'=0)/7; , while in

both cases we have identical values for axial €ia and circumferen-
tial, u, velocities and hence for the relative velocities, Wy as

well.

Consequently, if all other conditions are equal, a change in
the temperature of entering air will upset the similarity of com-
pressor operating conditions, since in this case the defining con-
that 1s, equality
between Mach numbers at the compressor inlet, is not satisfied.

dition for dynamic similarity of the streams

Figure 71t Velocity triangles at the compressor inlet
for different initial temperatures.

In order to maintain a constant Mach number when there is a
change in air temperature at the compressor inlet, and at the same
time retain the similarity between the velocity triangles, the
circumferential velocity, u_ (rpm), and the axial air velocity,
©a (volume air flow) must be changed in proportion to the square
root of inlet air temperature, that is, the following equality
must be observed: , .

ulfu, = %:=l/-7r-"; (5.45)

Since, at the same time, angle at which the stream leaves
the stationary guide remains constant, and since the relationship
between the circumferential and axial velocities are identical, the
new velocity triangle “or an inlet temperature equal to T; will be
similar to the original velocity triangle for temperature Tn
(figure 71).

Consequently, the relationships between all the other veloci-
ties will be identical,

Each of these relationships is a magnitude proportional to a
corresponding Mach number, so the Mach numbers at the compressor
inlet will also be identical for both sets of operating conditions.
It is easy to prove that in this case the equality of the Mach
numbers, and the similarity of the velocity triangles, is observed

in all the other compressor sections as well.
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Thus, if-the condition e

_re_ { "
v const( or Ve const)
is retained when there is a change in air temperature at the

compressor inlet, and if .
V= = const,

compressor operating conditions will be similar to each other.
These relationships, like all the other relative magnitudes that
remain constant for similar compressor operating conditions, are
called similarity parameters.
Calculating the axial velocity, Cya? ¥e obtain, from the flow
equation,
oo BT,
ot
whers F. is the area of the flow area at the compressor impeller
inlet;
R is the gas constant for air.
Since R/Fa = const for a given compressor, it is obvious that
the similarity conditionﬂJV7;-cmscan also be replaced by
L"!_I"l/'—i’_'-=cuns( (5.46)

This relationship too is a similarity parameter, and is called

the weight flow parameter, and the relationship = is callad
the rpm parameter.

The static temperature, T., and pressure, Py in the above

relationships can be replaced by stagnation temperatures T: = T:

and total pressures p:, and during in situ engine operation (V = 0)
by Ta - To' respectively., This is explained by the fact that the
dependencies between p: and Pyt and betwoen T: and T‘, are determined
uniquely by the Mach number, Ma' in the compressor, which remains
constant under similar oporating conditions.

Without going into the proofs, we now note the important fact
that under similar operating conditions the compressor has identical
compression ratios, efficiencies, ratios of work to initial tempera-
ture L, c/’l‘a and L¥, c/Ta’ temperature ratios T:/Tu, and other
relative magnitudes (such as head pressure coefficient, ﬂ, etc:)-

1, -
When there is a change in the independent parameters 11!:52
n Py
and Vi » the conditions of similarity of operating condivilus
]
are degraded and all the magnitudes listed above (ng, Nag o @tce)

will be changed. Therefore, these parameters, or the magnitudes
proportional to them, characterize compressor modes and operating
conditions, and we can examine the change in compressor efficiency
and compression ratio as ga function of their changes when we de=-
termine the operational qualities of a compressor,

The universal characteristic curves, or the characteristic
curves in similarity parameters, too are a series of curves ex=~
pressing the dependence of compressor efficiency and compression
ratio on two independent similarity parameters.
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The most frequently used procedure for constructing universal
characteristic curves is to plot the weight flow parameter on the
abscissa and the compressor compression ratio on the ordinate, and
to plot curves in these coordinates that represent the dependence
of ﬂ: on “‘m for different values of the Trpm parameter,

Vnr_ =const,  Fu | Moreover, lines of constant efficiency, n

ad c'
o
are plétted in the field of the compressor characteristic curves,

and for this purpose the points on the different curves of V%— =const,
that correspond to identical efficiencies are connected by coamon
lines.

Typical universal characteristic curves for COmpressors are
shown in figure 72, where the surge limits are indicated by the
shaded 1lines, and the constant efficiency lines by the dashed

n
lines. Note that in these curves the lines for }77+==const are
o

higher, the greater the magnitude of the rpm parameter.

Figure 72: Typical compressor characteristic curves.
a = centrifugal compressor; b - axial-flow compressor.

7. Unstable Compressor Operation !Surgig‘h and Preventive

Measures

Mention has already been made of the fact that compressor
operation becomes unstable when the air flow rate is reduced below
a predetermined magnitude, that a phenomenon called surging de-
velops.

When a compressor surges the blading vibrates, and the com-
pressor shakes, the result of the flow pulsation inherent in surg-
ing. Compressor efficiency, and average air pressure at the com-
pressor outlet, are reduced. The air from the compressor begins
to enter the combustion chamber unevenly, with periodically
fluctuating pressure and velocity. Normal operation of the engine
as a whole is degraded, thrust drops, and efficiency deteriorates.

Heavy compressor surging can lead to flame interruption, to
flameout in the combustion chambers and, consequently, to engine
shutdown. The vibration and shaking that develops during heavy
surging is transferred to the entire engine structure and can
lead not only to the destruction of compressor elements, but to



RA-017-68 120

the destruction of the power plant. This is why surging is un-
acceptable when an engine is running.

The substance of the origin and development of unstable com-
pressor operation has not been completely studied as yet because
of the great complexity of this process. However, investigations
reveal that a primary role in the appearance of surging is played
by the separation of the air flow from the compressor blading that
develops at low air flow rates. Separation from the compressor
blading develops at high air flow rates as well. However, the
effect of separation on compressor operation is completely dif-
ferent in the two cases.

It has already been pointed out that in an axial-flow compres-
sor a reduction in the air flow rate at constant rpm will result
in a change in air velocity such that the angles of attack of the
rotor and straightener blades are increased. This causes flow
separation from the convex surfaces of the blades, accompanied by
vortex formation. At the same time, the inertia of the air flow
tends to cause separation from the convex side of the blades, lend-
ing itself to the formation and development of vortex regions.
Therefore, if flow separation is great, these regions will grow
and spread out inside the compressor,filling the compressor flow
section. There is periodic, repetitive "choking" of the comprea-
sor's flow section by the vortex regions. The air, because of the
compressor, also periodically shoots through these regions in the
opposite direction, toward the inlet, and the result is autooscil-
lation of the air column, leading to unstable operation, that is,
to the entire compressor surging.

If the airflow rate and, consequently, the axial velocity,

c, 4 at the inlet increase when n = const (or when velocity c

1;2reases at a faster rate than the circumferential velocity):a
the angle of attack, i, decreases and then becomes negative (fig-
ure 69). This leads to flow separation from the concave side of
the blading. At the same time, the air flow is pressed against
the concave side of the blading by the effect of the inertial
forces. Therefore, when there is an increase in the air flow
rate, when separation regions are formed on the concave side of
the blading, these regions cannot undergo strong development be-
cause they are pressed against the blading by the air flow and
are local in nature, so do not degrade stable compressor opera=-
tion. Similar phenomena occur when the intakr lips of the impel-
le~ and the diffuser vanes in a centrifugal compressor are washed
by light and heavy air flows.

It should be emphasized that the development of surging
fluctuations ought not be considered as the result of the direct
perturbation effect of the vortices stream off the blading when
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Separation develops. Actually, the connection between surging and
flow separation is more complex, and does not occur spontansously,
but rather as a result of changes in such properties of the compres-
80r as its energy sources caused by the separated flows.

Detailed experimental investigations of the flow structure
in the axial-flow compressor at low air flow rates have also led
to the discovery of the phenomenon known as the rotating stall.
It has been established that flow separation never developsat all
the rotor and straightener blading at the same time when the flow
rate is reduced. The inevitable differences in blading configura-
tion and pPositioning, and lack of a strictly axisymmetrical flow,
cause the stall to appear initially in one or two places around the
circumference, with each such zZone encompassing a small number of
vane channels. The stall occurs simultaneously along the entire
length of the blading, or only over part of it, depending on the
relative diameter of the rotor hub. In stages with short blading
the stall immediately takes in the entire length., 1In this type
of stall, referred to as a complete stall, one stall zone ie usual-
ly formed in the annular section. In the case of relatively long
blading, the stall zones are in part located only at the blade
tips or, more rarely, near the rotor hub, and initially there are
from one to thres such Zones. As the flow rate continues to decline
the number of stall zones increases gradually, reaching seven or
eight, and more. The stall meanwhile is propagating over more and
more of the blading length, 8o is called a partial, or progress-
ing, stall. When there are & great many stall regions they are
distributed symmetrically around the circumference. However, at
the start when there are no more than two or three zones, they
can be distributed unevenly. At low flow rates the multizone,
partial stall is often replaced by a single, broader zone of
complete stall. When the flow rate is increased the phenomena
described above are repeated in the inverse order, but with some
delay.

Very significant is the fact that in a complete, as well as
a progressive, stall, the separation zones are not localized
around specific blades, but rotate continuously in the same direc-
tion as the impeller, and at a lesser angular velocity. The ex-
periments found that the rotational velocities of the stall zones
varied, and in the case of the pProgressive stall were from 40 to
85 € of the angular velocity of impeller rotation, and in the case
of the complete stall, was 20 to 40 % of this same velocity, It
Proved to be independent of the number of stall zones, while
changing in proportion to impeller rpm. The rotating stall was
found to prevail to equal degree in impeller and straightener,

The following is an elementury explanation of how stall zones
rotate. Flow separation in one, or in several rows of the installed
vane channels results in a reduction in their discharge capacity,
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Therefore, the air stream, encountering increased resistance in
the stall zone, spills over into the axial clearance to both sides,
trying to find its way through adjacent channels that are free of
stalls. This reduces the angle of attack and, consequently, createe
favorable conditions for flow around those blades located in front
of the vortex-induced zone. On the other hand, the angle of attack
for the blades located after the vortex-induced szone increases,
causing flow separation at their convex surface. The stall gone
now migrates in the rotational direction from one group of impel-~
ler channels to another, but at a velocity lower than that at
which the impeller itself is moving, resulting in the rotating
stall described above.

Since air velocity and air flow rate in the stall sones are
much lower in value than their values in the rest of the annular
channel, a rotating stall causes continuous flow pulsations which
occupy either the entire area of the cross section, or only part
of it, depending on the type of stall. Depending on the number of
stall zones, and their rotational velocity, the pulsation free
quency recorded by a stationary sensor is usually 0.2 n to 0.3 n
in the case of a complete stall, and will reach 2 n to 3 n in the
case of a multizone, progressive stall. The amplitude of the
velocity pulsation can reach 70 % of the v.locity in the flow core.

Even flow separation develops in juast the first stage of a
compressor, the rotating perturbation zone will propagate to the
rest of the stages, causing velocity pulsationa over the entire
tract. However, according to the experimental data large ampli-
tude velocity fluctuations are only observed in the first few
stages, after which they decrease sharply.

Stall pulsations differ from surging pulsations by their
incomparably greater frequency and smaller amplitude, as well as
by oniy z nominal dependence of these magnitudes on network
capacity. In addition, the rotating stall and surging differ with
respect to the nature :f their shift in phase during fluctuations;
the former is associated with the pulsation phase displacement
within the same section, while the latter is associated with it
along the length of the flow section. The experimental data show
that the rotating stall phenomenon will not cease, even when surg-
ing develops. At the same time large amplitude low-frequency flow
oscillations char-. teristic of surging are simply superimposed on
the rotating stall.

The rotating stall is just as unacceptable in operation as
surging, primarily because it can be the source of excitation
for dangerous oscillations and the compressor blading breakage
associated with them. Since surging and rotating stall are both
inherent in the operation of cascades at large angles of attack,
and since the means for coping with them have a common basis, we
shall henceforth not distinguish between these phenomena for
simplicity's sake, but shall conventionally refer to them by the
common term "surging" or "unstable operation".
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Let us consider some special features of surging in the
multistage, axial-flow compressor.

We kno¥ that the areas of the passages at the outlet of this
compressor are much smaller than those at the inlet because of the
gradual increase in the density of the air flowing through the
compressor. The magnitude and the relationship between these areas
are based on the change in the density and axial velocity of the
air along the compressor when the compressor is running at the
design point. The incidence of the pi1ofiles of the moving and
straightener blades in each stage 1s solected for design point
compressor opsration and too is based on the corresponding design
velocity triangles.

Thus, for design point operation there is a complete match
between the areas of the flow croass-sections of the compressor's
flow section, between the densities and velocities of the air moving
through them, and between the blade incidence in all stages.

At other than the design point this match in the operation
of the compressor rntages will be upset unless special measures are
taken, and the further away from the design point operation takes
place, the greater will be the change in compressor operation as
compared with that at the design point.

For example, if the compressor's compression ratio is reduced
below 1its designed magnitude as a result of a reduction in rpm,
axial velocity at the first stage inlet will not be reduced if
there is no change in the designed air flow rate and all other
conditions remain the same. But since circumferential velocity
is reduced, the angles of attack of the first stage blading will
be smaller.

The patt.rn observed in the following stages is a different
one. Here the reduced compressor compression ratio causes a
reduction in the air density in these stages, but their flow sec-
tions remain as before and have been designed for a given wight
flow of air of greater density, one corresponding to the designed
compression ratio. Therefore, in this case axial air velocity in
succeeding stages increases, and in conjunction with a simultaneous
reduction in circumferential velocity, results in reducing the
angles of attack in these stages much more so than was the case
in the first stages. For the same reasons, the angles of attack
in the succeeding stages can even become negative if the compres-
sion ratio is reduced significantly from the designed ratio. At
large negative angles of attack the air in the vane channels in
the stage expands instead of being compressed. This condition
in the last stages, which results in a drop in efficiency and in
the compressor head, is called turbine operation.

If there is a simultaneous reduction in compression ratios
below their designed values (due to a reduction in rpm) and in the
air flow rate through the compressor, the axial velocity at tte
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first stage inlet will decrease at the same rate as the circum-
ferential velocity. But if the axial velocity decreases more
rapidly than the circumferential velocity, it is obvious that the
blade angles of attack in the first stage will be increased, and
can reach a value at which intensive flow separation from the backs
of the blades, and surging, become possible.

The weight flow of air through the last stages will be reduced
at the same ratioc as in the case through the first stages, given
the condition of continuity. However, at the same time the air
density in the last stages will be reduced in the case of the
change in compressor operating conditions considered because of
the reduction in the compression ratio. As a result, the axial
air velocity in the last stages changes little, if at all, and
consequently the blade angles of attack in these stages will be
reduced because of the reduction in circumferential velocity,
and will then go negative.

So, in this case the last stages approach the turbine mode,
while the first stages approach the surge mode.

Let us now increase the compressor compression ratio abovs
the designed ratio by increasing compressor rpm, keeping the air
flow rate, and, as a result the axial velocity at the inlet to
the first stages, unchanged. Now the blade angles of attack in
these atages will be increased because the circumferential velo-
city, ULy increase when €ia " const, At the same time, the axial
velocity of the air in the last stages will be reduced because
the air density increases with increase in the compression ratio.
This causes the blade angles of attack in the last stages to in-
crease much more quickly than is the case in the firat stages,
and this can then lead first to the appearance of severe stalling
on the backs of the blades of these last stages, and to surging.

If the compressor compression ratio is increased above the
designed ratio while simultaneously reducing the air flow rate,
the axial velocity of the air in the firat stages will be reduced.
It will decrease at a faster rate in the last stages than it will
in the first stages because the air flow rate is reduced and be-
cause the air density is increased as a result of the rise in the
compression ratio. Therefore, the blade angles of attack in the
last stages will increase at a faster rate {(both when there is an
increase in rpm and when n = const) than in the first stages. Now
flow separation, associated with surging, can develop in this case
as well, primarily in the last stages.

A mismatch in the operation of the first and the last com-
pressor stages, and conditions for the developm:nt of surging in
these stages, similar to those considered above,; can also be ob-
served when rpm are constant but the compressor compression ratio
changes as a result of a change in the temperature of entering air
(the rpm parameter y;%g will change as a result of a change in
T;). Inthis case the only difference is that the circumferential
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velocity ue will remain constant, but the corresponding change in
the blade angles of attack in the individual stages can be de-
termined only by the change in the axial velocities of the air in
these stages.

These examples, as well as the results of more detailed in-
vestigation of operating conditions for multistage axial-flov
compressors at other than the design point lead to the following
conclusion.

When surging develops at off-design points at which the
compressor ratio remains below the design ratio, the first stages
will usually prove to be the source of surging, and at off=design
points at which the compression ratio exceeds the designed ratio,
it will be the last stages.

It should be noted that degradation of the uniformity of the
alr flow at the compressor inlet very much lends itself to the de~-
velopment of surging. Flow uniformity can be degraded by flow
separation, or the formation of turbulence in the engine intake
section, the result of poor design configuration of the air intake
durts, sharp edges, dissimilar supports, deep indentations, nicks,
and other causes (operational, design, and technological). Non-
uniformity in the velocity field in front of the compressor can
also be the result of large angles between the incoming flow of
air against the compressor and the axis of the intake section
when aircraft angles of attack are large, and can also result from
engine exhaust from another aircraft flying close by entering the

inlet, etc.

Any distortion in the designed distribution of the velocity
at the compressor inlet, regardless of cause, consicerably narrows
the range of stable compressor operation and, consequently, ac=
celerates the onset of surging. Therefore, everything that can
be done to keep the air flow at the compressor inlet as uniform
as possible must be done, in operation, as well as during design.

At the present time the fcllowing measures are taken to
prevent surging, that is, to expand the limits of stable operation
for axial-flow compressors.

1. Air is bypassed to the outside from one, or several inter=
mediate stages through special ducts in the compressor housing.
This is a very simple method, and is based on the fact that when
all other conditions are equal, exhausting some of the air from
an intermediate stage to atmosphere will cause an increase in the
air flow rate and in the axial velocity of the air in the preceding,
first stages. This results in a reduction in the blade angles of
attack in these stages for a given circumferential velocity, there-
by preventing air separation at the bliades, associated with the
cnset of surging. At the same time, the air flow rate in the
stages beyond the bypass will be reduced and, as a rule, the
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compreanor comprosasion ratioc will drcp (for a given value of

o ). In nddition, the energy ueed to compress the air bhye
pansed to atmosphere will be 1ost, Thersafore, other conditions
remaining unchanged, engine officiency and thrust will be de-
creased when air is bypasaed.

2. Rotatable guide (straightener) hiades are ueed Ln one or
in neveral atagen. [If these blades are slevod in the directiond
impeller rotation the epin given the atr flow in the direction
oppoatite to that of the impellerin reduced, but is incressed (n
the direction of rotmtion. As a result, the angles of attack of
the impeller blades are reduced for a given impeller rotational
velocity as will be seen from Cigures %7 and 39. But the reduc-
tion in the angles of attack of the blades, eliminating flow se-
paration from their backs, lends iteself to the prevention of surg-
ing, thereby extending the surge limit toward the lower air flow
rates. At the same time, the compression ratio in the stage i
reduced for given rpm, but its efficiency at the off-design point
can be increased.

3. Twin=-shaft (tutn-rotor) compressors can be used to adjust
the first and the last stages to different rpm levels when there
is a transition to off-design points. Let us explain the advan-
tages of this system by the following example. If a single-shaft
compresasor is shifted to a point at which the compression ratio
drops below the designed ratio, the axial velocity in the first
stages will be reduced at a faster rate than will the circumferen-
tial velocity, and this can lead to surging in these stages. But
there is no danger of surging, in the last stages because the axial
velocity in them will be reduced at a slower rate than will the
circumfersntial velocity.

When a twin-shaft compressor is shifted to such lower points
it is possible to reduce the first stage rpm {first rotor) faster
than last stage rpm (socond rotor). This can prevent a too rapid
decrease in axial velocity relmtive to circumferential velocity,
and in that increase in the angles of attack of the first stage
blading associated with it that leads to surging in these stages.

In mddition, the match in the operation of the individual
stages of a multistage, axial-flow compressor at off-design points
can be improved by using rotatable straightener blades and twin-
shaft rotors. There are a number of cases when this results in an
appreciable increase in efficiency and compressor head at these
points.

All the methods listed ahove for extending the stability limits
of axial-flow compressors are used in modern aviation engines,
separately, and in combination with each other.
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CHAPTER ¢

COMBUSTION CHAMBERS

'. Qaneral Observaticns

The combustion chamber 18 one of the most important parts of
an engine; the reliability, efficiency, and thrust-effective
operation of the engine as s whole depend to a very large degres
on the quality of combustion chamber operation,

Combustion chambers of aviation gas turbine engines sust
ensure the followvings

stable fuel combustion (witlout flameouts or damping) over
the entire range of engine operation and under all possible opera~
ting conditions;

trouble-free fuel ignition and combustion during engine start-
up; both on the ground and in high-speed flight)

highly complete fuel combustion under all operating condi-
tions;

low hydraulic resistance;

the specified temperature field at the outlet which is very
important for reliadble turbine blade operation;

reliable opsration, and especially no deformations, burn-
throughs, and cracks in the walls.

In addition, fuel chambers must have the minimum possible
size and weight fur a given air and fuel consumption.

By and large, modern combustion chambers satisfy these re-
quirements. However, the creation of high-quality combustion
chambers that are equally responsive to all the requirements
imposed on them is a difficult task which requires theoretical
and especially experimental investigations.

The principal elements of all types of combustion chambers
for modern aviatiou gas turbine engines are {cf. figure 73):
flame tube 2; flame stabilizers 4 and 53 fuel atomizer 1; outer
casing 3,

Combustion chambars of modern turbojet engines are divided
by type of design into tubular (individual), annular, and cannular
combuation chambers.

Tubular combustion chambers (cf. figure 73) are installed
around the engine casing and fastened each individually by their
flanges to the compressor casing and to the gas header of the
turbine. Each of these chambers can be removed essily for in-
spectlion or replacement with the engine in place on the aircraft.
No cumbersome installations of high power and large air consump-
tion are required for experimental investigations and empirical
development of individual tubular combustion chambers, as this is

the case for annular chambers.
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tigure 731 Schematic diagram of a tubular combustion
chamber)
A -~ "omizer; 2 - flame tube; ) - casing] &4 and § -
flame stabilizers.

Annular combustion chambers (cf. figure 74) have one annular
flame tube enclosed in an overall annular caning which in a number
of cases is aleo a strength member of the engine structure. These
chambers are distinguished by their lower weight and can provide
a smaller engine diameter than tubular chambers for the same air
consumption. However, inspections of internal parts and even more
%0 the replacement of the flame tube of annular chambers usually
requires engine disassembly,

shiel

Figure 741 Schematic diagram of an annular combustion
chamber.

Cannular combustion chambers (cf. figure 75) consist of a
number of individual flaume tubes located about the longitudinal
axis of the engine and enclosed in a common annular casing. These
combustion chambers combine the advantages of tubular and annular

chambers and are employed at a continuously increasing rate today.
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Figure 75t Schematic diagram of a cannular combustion
chamber.

I - flame tubesj 2 - common outer casing; 3 - inner
casing.

128
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Legende to figure 7%
A - section a-a threugh the flame tubes;

8 - esection bedb threugh a flame tube.

2.

It wae siready mentioned that in wodern aviation &8 turbine
ongines the maximum acceptadle temperature in front of the turbine
will not usually exceed I.l90° to I.200°l. Such a teapersture 1¢
udtained when fuel 1e burned in air at a total sxcess alr coeffi-
client of G & 7.3 to 4,35, Vhen the ongine operates at reduced
temperatures ‘I" in front of the turbine, and also at high tempera-
tures T} (high airspeed), the total excess of air coefficient
fracessary to ensure the required temperaturc in front of the turbine
1o increased to about @ » 7 to 8 and wore. Even greater values
for the total excess of air coefficient are reached during e rapid
shift by the engine from a higher rps toc s lower rpm, eince in
that case the supply of fuel in the combustion chamber ie reduced
at a faster rate than the air flow passing through the engine.

At such a high excess of air it is impossible to achieve stable
fuel combustion, even more »0 in an air flow, since the considerably
leaner mixture of fuel and air is difficult to ignite, and its
combustion proceeds much more slowly and instable. As a result
it is easy for the flame to be separsted and blown out of the
chamber by the flow of sir passing through.

In order to ensure stable combustion and at the same time to
obtain the required gas temperature in front of the turbine, the
inflowing air from the compressor is divided into two parts in all
combustion chambers of ¢as turbine engines,

The smaller part of this air, or primary air, is channeled
directly into the combustion zone that occupies the forward part
of the flame tube, where it primarily ensures the combustion of
the entire mass of fuel. The quantity of primary air will not
exceed 20 to 30 % of the total air flow passing through the engine
and is so designed that the excess of air coefficient in the
combustion zone amounts to 1t = 1.2 to 1.5. At this excess of air
the temperature in the combustion zone reaches 2,000° to 2,200°K
and more, which also creates favorable conditions for rapid, stable,
and sufficiently complete fuel combustion.

The remaining air, called secondary air, flows around the out=
side of the forward part of the flame tube, 1.e. it bypasses the
combustion zone, and theu is £&radually mixed with the combustion
products departing from the combustion zone, ensuring the necessary
temperature reduction prior to the turbine inlet (cr. figure 76).

The secondary air is mixed with the combustion products in
the diluent zone located in the rear part of the flame tube (facing
the turbine), which the air enters through a number of specially
located apertures in the tube walls. This mixing process also
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creaates the most favorable temperature field in the gae flow moving
toward the turbine. In addition to the reduction and equal distri-
butlon «r tas temperatures the final combustion of undurned fuel
particles and incompletely oxidized pProducis takee place in the
diluent gone, if these are carriesd from the cumbustion sone.

The secondary alr, flowing around the outside of the flame
tube, cooles the tube and, in addition, forws a therwoinsulating
layer between the high temperature sone and the outer combustion
chamber casing, protecting it against excessive heat.

Continuous and stable combustion of the moving mizxture of
fuel and air is pussible only {f eufficient heat is added to the
fresh mixture entering the combustion zone to heat tt t> igniting
temperature, and if the velocity of the mixture in this zone does
not exceed the propagation velocity of the flame.

Therefore, the mixture ts enriched in the combustion sone and,
in addition, so-called flame stabilizers or inlet devices are used
in all cumbustion chambers of gas turbine engines that are located
in front of the combustion zone in the flame tube. Behind these
devices in the combustion 2one an area filled by retrogressive
turbulent streams of combustion €ases and air is created where the
progressive (axial) velocity of the gas and air flow does not ex-
ceed a mean of 15 to 25 m/sec (cf. figure 76).

Figure 76: Temperaturs and velocity profile in
the flame tube of a combustion chamber,

The retrogressive turbulent streams of combustion gases
created by the stabilizers ensure a heat input from the combustion
zone to the inflowing fresh mixture of fuel and ailr so that it is
heated to the required temperature, is ignited continuously, and
burns in a stable manner. And the turbulent motion of the inflow-
ing air ensures that the air is properly mixed with the fuel and
penetrates into the combustion zone.
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The flame stabilizers are hodiss of poor merwiynamie configu~
ration Inetalled in the path of the primary air, Thoy are mades in
the form of diaphrages with a great number of amall Apertures through
which the primary air passes, in the form of plates, hollow ¢ unical
cape, annular slots, etc. The basic flow dingrams for the gas and
air streams behind stabilizers with plate and contcal configuintion
are shown tn figure 77.

Figure 77t Flow diagram behind the stsbilizor.
a - plate stabilizer; b -« conical stabilizer,

In addition, special awirlers are used {n many combustion
chambers to achieve a better mixture of mir and fuel and to create
and strengthen the retrogressive streams of burning gases in the
combustion zone. These are a number of radial nozzles installad
at the flame tube inlet (cf. figure 73, item 5) under a certain
angle to the direction of motion of the inflowing air. Up to 50%
of the primary air enters the flame tube through the swirlers. The
swirl imparted to this air by the swirling nozzles (cf. figure 78)
ensures its intensive turbulization and rapid mixture with the
fuel, And the centrifugal forces that develop when the air swirls
create an outer region of increased pressure and an inner region
of reduced pressure behind the swirlers, resulting in the formation
of retrogressive turbulent streams of burning gases.

Figure 78: Diagram of air being swirled by a swirling
nozzle.

The fineness of fuel atomization which is dependent on the
magnitude of injection pressure and on the arrangement of the
atomizer has a great u«ffect on the combustion process. Fuel
atomization is improved by increased injection pressure. There-
fore, under designed operating conditions in modern aviation gas
turbine engines the fuel injection pressure reaches 60 to 80 kg/cm2

and more.
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fioml atomiaation amt untfaorm fuel distribution In the Clow
Are ansurnd, in particutar, with the atd of canteifugal atomizere
whirh atn moat frequently used, The rone of atomlred fusl that 1s
cteated hy the stomisers varioce within falrly hroad Limite for
Difforent ongines, Crom 0% o llnn, and 1a snlectesd sapesrisantally
Arrording to type, ahape, and dimenstions of the ~ombustion chamber.

Me Cusl ta tinjec ted hoth with and ngainst the nir Flow,

The iatter procadure, topather with an appropriate type of com-
hustian chamber, sneaurnas good Fusl ntomtgation mnd stable fuel
caoshustion,

Fuel prevaporization, t.s. “vaporizing® fuel atomization, can
raontribute to atabie And adequately complete fuel combustlion under
w hroad range of combuetlon « linmbey operating cunditions, and also
to a reduction In fuel injaction pressurec, For this purpose the
fuel in some comhustion chamhers Lea rhanneled from the ntomisnr
directly agatnat surfaces whose outaidas are washed by hurning
Kanna,

One of the posaihle achewes Cor a combustion chamber with
"vaporizing” stomization s shown Ln figure 79, 1In this scheme
the principal mnss of atr from the ccmprenaor anters the forward
part of the flame tube, and Crom there the primary air is channeled
into vaporizing tubos, {.e, burners, whose ands are bent into a
f'=shape and Ltocated in the comhustinn zone., The furl is fed into

these same tubes throurh the atomizer.

Figure 79: schematic dingram of a combustion chamber with

fuel vaporizing tubes.

The fuel is vaporized upon contact with the walls of the
tubular burners, and the rich fuel-alr mixture that is generated
burns at the tobe outlet where the admixture of secondary air he-
elne,

A sipnificant reduction of temperature and pressure, and an
increasc of air velocity in the combustion chambers render fuel
tgnition difficult, contribute to instable comhustion, and can
finally result in a flameout. Therefore, when the pressure and
temperature of the inflowing air are reduced, which takes place
at increased altitude and reduced engine rpm, the values for the
eXceas o alr coefficients are reduced under which fuel ignition
and stable combustion chamber operation are possible (cf. figures
20 and 81},
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Pigure 801 Stable combustion limits as & function
of altitude.

-

Legendss
A - flameout;
B - stable cumbustion.

These circumstances also explain the d1fficulty involved in
an air start wiath gas turbine engines at high altitudes, as well
as the development of instable combustion chamber operation in a
nusber of cases (especially at high altitudes and slow airspeeds),
sometimes leading to flame damp.ng and engine shut-down (o-p-ci.lly
undor transient operating condltton-).

o}
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s
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Iaid npnaemy
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Figure 813 Stable combustion limits as .. function
of engine rpm.

Legends:
A - flameout}
B - stable combustion.

In additbn, an air start of a shut-down engine at high alti-
tudes can prove to be impossible because cold air at low pressure
is blown through the combustion chambers of a shut-down engine at
such a speed that under these conditions a flame, even if one
develops, would be completely blown out immediately. In that case
an engine air start requires a reduction in altitude and sometimes
in airspeed, too.

An increase of the altitude for reliable starts and atable
combustion chamber operation is achieved by increasing the capacity
(heat intensity) and operating period of the igniters, reducing
the air velocity in the combustion chambers by means of increasing
their flow areas, using more intensive flame stabilizing devices,

and other measures.
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ALT density drips with increusing altitude so that the weight
flow of atr through the engine §s reduced, as it te under reduced
engine rpm under otherwinse oqual conditiones. At thae same time,
fuel ‘onaumption s reduced at a corresponding rate in order to
®aintain an acceptable gas tempersture (n front of the turbine.
Hovever, 1f the fuel flow through the atomizers is reducesd whils
the ares of thelr dosage openings remains unchanged, thare will be
& drop in injection pressure and the quality of fue) a.omization
will degenerate which can be a cause of degenerat .ng .ombustion
chamber operation, in other words & disruption of comtustion sta«
bility and incomplete combustion.

Therefore, fuel atomizers with automatic flow area control
are used (n all modernaviation gas turbine engines: dual-nozzle
atomizers, duplex atomtizors, fuel-bypassing atomiszsers, and others.
In addition, automatic minieum fuel pressure devices are used in
front of the fuel atomizers that do not allow the fuel flov to drop
below the minimum acceptable level where stahle combustion without
blowouts and (lame damping is still ensured.

7. Erincipal Combystion Chamber Parsmeters

Let us consider the basic relationships and parameters that
are characteristic fo, the combustion chambers of ®odern aviation
€as turbine engines.

The combustion chamber volume is assoctiated with fuel con-
sumption a~d tae calorific value of the fuel, or tho quantity of
heat released. This dependence is determined by the magnitude of
the calorific intensity per wnit of volume, q, equaling

=G, n"‘/vc_c P, [kcal/m> nr ata/
where Yoo is the combustion chamber volume, -)|

P is the pressure in the combustion chamber, absolute

‘ atmospheres.

In combustion chambers with the same cross-sections and the
same weight flows of alr the quantity of heat released per unit
of volume, or the calorific intensity per unit of volume, will
rise with {ncreasing pressure since in that case the axial gas
velocity is reduced and, consequently, less combustion chamber
length is required for the same time spent by the fusl particles
in the chamber. Therefore, in a correct comparative evaluation of
different chambers their calorific intensity per unit of volume
is also referred, as we did above, to the magnitude of pressure
in the combustion chamber.

Under otherwise equal conditions, combustion chambers with a
small cross-section can be designed for a greater calorific ine
tensity than chambers with a larger cross-section. This is ex-
plained by the shorter time required by the air to penetrate into

the combustion zone as the cross-section of the chamber is reduced.
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Under destigned operating conditions the combustion chambers of
exieting aviation 848 turbine engines have s calorific intensity
Per unit of volume of q @ 30 to 30 x 10° kcnl/.’ hr ata, The
®aximue cross-section area of the combustion chasber s usually
dimensioned so tat the air velocity aa deterwmired by the agaregate
alr flow through the engine and by that ares will not exceed 40

to SO -/loc. which 1s Recessaily in order to ensure a stable com~
bustion procese.

The outlet cross-section ares of the combustion chambe;, or
the crose-section at the inlet to the turdbine nosale assembly,
depends on the mean diameter and length of the blades of the nozzle
assembly that are determingd when the turbine 1s deeigned.

The outlet #88 velocity s increased when this area is re-
duced for a given 889 tempersture in front of the turdine and
under otherwise %qual conditions, and static pressure in front of
the turbine nossle assembly 1 ccrrespondingly reduced. 1In
exieting deeigns the outlet gae velocity 1s 2 to 2.5 times Ereater
than the atir velocity in the |Saximsum chamber cross-section, and
about 1.5 times greater than the air velocity at the compressor
outlet, which means that 1t 1s 170 to 180 m/soc.

The rattio of flame tube length to the maximum fiame tube dia-
®eter in a tubular chasber, or to the difference between inner and
outer diameter of the Saxisum cross-section of R annular chamber,
ranges within the limite from 2.5 to 3 for existing deeigns.

Hydraulic reststance and an increase in 888 velocitv amag-
ciated with o redu:tion in 888 density due to an increase tn
temperature cause a reduction of static pressure P, and total
pressure p: in the combustion chamber, compared to their values
at the comrreesor outlet; in other words, 1t always Applies that
P, < Py and that p: < p(. Here the total pPressure decreases by
about the same degree as the static pressure, since th- Mach number
N' at the combustion chamber outlet usually differs little in
Sagnitude from the Mach fumber "k st the compressor outlet.

The total pressure drop in combustion chambeis is evaluated
by the Pressure recovery factor

Tee “ P2/ [ 4
this factor is determined by *xperience. Combustion chambers of
modern aviation &8s turbine engines have a factor ot Uc'c = 0.95%
to 0.97,

In order to establish & connection betwcen the required excess
of air coefficient a and & given temnerature T; At the cembunation
chamberr outlet, an energy equation is applied to the &ns flow (n
the section located between the outlet cross-section kk of the
compressor and the cross-section zz at the combuston chamber out -
let (at the inlet to the turbine nozzle assembly). The gan flow
absorbs heat in this section as o result of fue! combustion, but
thery 1s no internal work. Taking this int Account we write the
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energy equation in the following form, referred to 1 kg of burn-
ing fuel:

elg s Qe al)g (6.1)

or .o -
A HERYR
! '

where alo is the weight of the air required for 1 kg of fuel)

tn is the total enthalpy of | kg of air at the compres-
sor outlet (at a temperature ‘l‘:);

Q' is the heat added to the gas flow as a result of the
combustion of | kg of fuel and the associated in-
crease in the enthalpy of the combustion productsg

(1 « 1|°) i1s the weight of the combustion products generated by
the combustion of ) kg of fuel at an excess of air
coefficient G

t: is the total enthalpy of | kg of combastion products
at the combustion chamber outlet (at a temperature
T2).

The heat released during complets combustion of 1 kg of fuel
is its net calorific value Hu' Part of this heat is lost to the
outside medium through the walls of the combustion chamber, and
part is not released if there is incomplete combustion. There-
fore, tha heat Q‘ that is absorbed by the combustion products is

less than the calorific value Hu of the fuel, so that

Q = gc.c"u'
where( c.c < 1 is the heat release coefficient that takes into
account the heat losses in the combustion chamber
that were mentioned above.

This coefficient is determined by experience and is suffi-
cliently great for combustion chambers of modern turbojet engines
under designed operating conditions, where gc.c = 0,96 to 0.98,

It was ment ioned above that we can make the assumption
l~ald“° a1 for combustion chambers of turbojet engines. Thus,

we can now rewrite equation (6.1) as follows:
< I roo0 ot =Ty (6 2)
N . " v LT .
whetice we obtain

(6.3)

where c; is the mean specific heat in the temperature interval

from Tl: to 'l‘: av conatant prassure (as a rule, c;) =

0,26 to 0,29),
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CHAPTER 7

AVIATION TURBINES

1. Principles of Turbine Design _and Operation

It was mentioned above that double-stage, single-atage, and
sometimes even triple-stage axial-flow turbines are used in exist-
ing turbojet engines. Diagrams of typical turbines for turbojet
engines are shown in figures 82 and 83, and a diagram of an axial-
flow turbine stage and a cylindrical section through its blading,
unfolded into a plane, in figure 84,

The principal parts of a turbine ares the nozzle or guide
assembly formed by the fixed nozzle blades 1, fastened to the fixed
turbine casing 25 the turbine wheel 3, secured to the turbine
shaft, and the blade assembly or bucket ring formed by the rotor
blades 4, fantened to the rim of the turbine wheel 3. All the
rotating parts of the turbine make up its rotor.

The combination of the fixed nozzle assembly and the bucket
ring that follows it is called a turbine stage.

The conversion of the pressure energy of the gas into kinetic
energy takes place completely or partially in the nozzle assembly.
Subsequently, part of the obtained kinetic energy is converted into
work at the turbine shaft by means of the bucket ring.

If the pressure energy is converted into kinetic energy ex=
clusively in the nozzle assembly so that the gas expands in it to
the terminal pressure encountered behind the turbine, and if no
gas expansion takes place in the spaces between the rotor blades,
the turbine is called an action turbine.

If the conversion of pressure energy into kinetic energy
takes place not only in the nozzle assembly but also at the rotor
blades, simultaneously with the conversion of kinetic energy into
external mechanical work, the turbine is called a reaction turbine.

In that case, gas expansion takes place in both assemblies,
nozzle assembly and rotor blade assembly.

As a rule, all turbines used in aviation gas turbine engines
are reaction turbines.

The gas velocity and gas pressure profile in a single-stage
reaction turbine as well as the velocity triangles at the inlet
and outlet of its rotor blading are shown in figure 84,

The gas flow approaches the nozzle assembly from the combustion

chamber at a velocity C,+ @ pressure Py and a temperature Tz.
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Figure 82: Diagram of a single-stage turbine for a
turbojet engine.
The gas expands to a pressure P, in the spaces oetween the
nozzle blading, and due to a2 corresponding drop in the enthalpy
of the gas its absolute velocity increases from ¢, toc.. Thus,

1

the gas departs from the nozzle assembly at a velocity ¢, and a

direction enclosing an angle 1, with the rotational plun; of the
turbine wheel. The gas enters the rotor blading at a relative
velocity W, whose magnitude and direction are determined by the
magnitude and direction of absolute velocity <, and the velocity
of translational motion, i.,e. the circumferential velocity u of

the blades,

138
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Figure 83: Diagram of a double-stage turbine for a
turbojet engine.

Ny

Figure 84: Diagram of a turbine stage:
1 -~ nozzle blade; 2 - turbine casing; 3 = turbine
wheel; 4 - rotor blades;

Legend:
X ~ section through A-B

A further reduction in the enthalpy of the gas, or its ex=-
pansion from a pressure P, to a terminal pressure Py behind the
turbine, takes place in the spaces between the rotor blading, and
as a result the relative velocity of the gas motion between the
blades increases from v, to Wo At the same time the absolute
gas velocity decreases even then from c‘ to 02, since a signifi-
cant part of the kinetic energy acquired by the gas in the nozzle
blading and rotor blading ls transferred to the rotor blades and
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through the turbine wheel to the turbine shaft, which means that
it is converted into external mechanical work.

Plotting the outlet velocity triangle makes it possible to
determine the magnitude and direction of the absolute gas velocity
Cq at the outlet of the turbine wheel. It is obvious that the
greater the velocity Ca the greater will be the kinetic energy
of the gas that is not consumed in the turbine, or the greater
will be the so-called turbine outlet loss 02/28.

The acceleration of the gas flow during its relative motion
through the spaces between the rotor blading of a reaction turbine
results in a reaction force being applied to the rotor blading
(reaction effect of the flow). In addition the rotor blades ab-
sorb the force that develops as a result of the change in the
direction of the velocity of the gas motion around the blades
(action effect of the flow).
these forces also yield the torsional moment on the turbine wheel.

The circumferential components of

There is no gas expansion in the spaces between the rotor

blades of action turbines, and consequently no gas acceleration,

either.

Consequently, there is no reaction effect
on the rotor blades, and the circumferential force
rotor wheel results only from the action effect of

of the gas flow
applied to the
the flow which

means that it results from the change in the direction of gas
velocity.

The difference between the enthalpies of ( kg of gas in front
of the turbine and behind it under adiabatic gas expansion from a
total pressure p; in front of the turbine to a terminal static
pressure p, behind the turbine is the adiabatic heat drop hT ace-
complished in the turbine.
figure 85 that

It is seen from the iS~diagram in

=1y — 1, ==

ATAGET

)
h,=r,',T:[‘—(*,%)T]' (7.1)

are the total enthalpy of the gas in front of
the turbine and its enthalpy after adiabatic

where i; and 12 ad

expansion in the turbine, respectively;

T2 ad is the temperature upon completion of adiabatic
expansion to a pressure Py}

cé and k' are the specific heat under constant pressure
and the adiabatic exponent of the combustion
products during their expansion in the turbine.
The greater the part of total heat drop hT that is accomplished
at the rotor blading the greater will be the rate of increase of

the relative gas velocity Vo and the reaction effect of the flow
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at the circumference of the rotor wheel will increase. The
distribution of total heat drop hT (cf. figure 85) between nozzle
assembly and bucket ring is assumed to be described by the degree
of reactionp of the stage, equal to the ratio between the adia-
batic heat drop hr accomplished at the bucket ring and the avail-
able heat drop hT' in other words

P = hr/hT. (7.2)

It is obvious that for a reaction turbine, p > 0, since hr =
O, p = 0.

With identical heat drops hr the heat drop hT - hr = hn
that is accomplished in the nozzle assembly of a reaction turbine
and its corresponding gas exhaust velocity are less than they are
in the nozzle assembly of an action turbine. At the same time the
profiles of reaction turbine rotor blades slso prove to be more
favorable with respect to aerodynamice thar the profiles of action
turbine rotor blades. Therefors, the reaction turbine differs
from the action turbine in that the energy losses incurred during
the flow of the gas in the spaces between nozzle blading and rotor
blading are less.

Moreover, the energy loases connected with radial gas leakage
toward the periphery in the space between nozzle assembly and
turbine wheel, and also with gas leakage in the rotor blade spaces
that develops under the effect of centrifugal forces, can be
eliminated or significantly reduced in a reaction turbine.

The degree of reaction for the mean diameter of the turbine
wheel ranges approximately between 0,20 and 0.35 for turbines of
existing turbojet engines.

;-—-“K-
s '_il-__._, .-'."F:r:-

—

Figure 85: Determination of the available
heat drop in a turbine.

If a significant heat drop (nT > 75 to 80 kcal/kg) must be
accomplished in a turbine, a sufficiently great efficiency (sce
below) must he ensured by dividing this heat drop between several
stages, which means that a multi-stage turbine must be uscd.

\ multi-stage turbine with pressure stages (sm’\ figure f?(i)

consists of successively alternating nozzle assemblies a and
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bucket rings b. The latter are fastened to a common drum (a wide
turbine wheel, if there are two to three stnges) or to individual
disks secured to a common shaft.

In this type of turbine, gas expansion takes place gradually
in the nozzle assemblies and bucket rings of each successive stage
(see figure 86), and the heat drop and pressure drop attributed to

each stage are reduced in comparison ta a single-stage turbine.

Figure 86: Diagram of a Figure 87: Diagram of a
pressure stage turbine. velocity stage turbine.

The degree of reaction of each stage of multi-stage turbine
is determined by the ratio between the adiabatic heat drop at the
rotor blades of that stage and the adiabatic heat drop attributed
to the stage in question.

ilso, a multi-stage turbine can be designed with velocity
stages (see figure 87). In that case a fixed guide assembly is
installed behind a first stage of the action type whose blades
change the direction of the gas flow behind the first bucket ring
and direct it to a second row of {action) rotor blades where the
kinetic energy of the flow that departed from the first stage is
partially exploited, too. If the absolute gas velocity still
remains significant at the outlet of the second stage, a third
stage can he installed, etc.

Velocity stages failed to find an application in aviation
turbines because they cannot provide the required high values of

efficiency.

2, Gas Outflow from the Nozzle \ssembly of a Turbine

The gas outflow velocity from the nozzle assembly of a turbine
is determined from the energy equation for the section between the
inlet cross-section zz and the outlet cross-section 1,1 of the
nozzle duct. This equation has the following form, if there is
no heat exchange or resistance:

‘i

2
=t A =it Al
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whence —_——
’l_ll
= 0p.—_'ad
‘u-'l/r~g y
(7.3)
where S is the theoretical gas outflow velocity from the nozzle
ductss
1 is the enthalpy of 1 kg of gas at the end of adiabatic

1 ad
expansion in the nozzle ducts.

The true gas outflow velocity c, is less than the theoretical
velocity Cy¢ because of losses in the nozzle assembly that are
associated with flow deflection, vorticities, flow separation,
and other causes. However, at the present time data based on
experience that could be used to evaluate these losses individually
by type are still inadequate. Therefore, an aggregate coefficient
is used that takes into account a combination of all the losses,
and the true outflow velocity is determined as the product 7 * clt’
so that

€1 = Pepe, (7.4)
where ¢ is the so-called velocity coefficient that takes into
account the reduction in outflow velocity cauased by
all the losses inherent in the nozzle assembly.

Turbines of modern turbojet engines usually have a coefficiernt
of » = 0,96 to 0.98 (convergent nozzle ducts, see below).

The difference 1: - i‘ ad is the adiabatic heat drop hn ac=
complished in the nozzle assembly during gas expansion from a
pressure p¥* to a pressure p, (see figure 85), so that in accordance
with equation (7.2)

Moreover, ]/ —‘,’f— ==

e =915 V(I (1.5)

The area of any cross-gsection fn of a nozzle duct can be

determined frem the flow equation

f = - « v/e (7.6)

n
where G8 is the gas flow rate through the nozzle, kg/sec;
¢ is the gas velocity in the given nozzle cross=-section,
m/sec;
v is the specific volume of the gas in the same cross-
section, mJ/kg.
The dependence of the required area fn of the nozzle cross-
section on the pressure ratio p/p; for otherwise unchanged con=

stituent magnitudes is shown in figure 88.
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Figure 88: Dependence of the nozzle cross=
section area on the pressure ratio,

It is seen that with decreasing pressure p (with decreasing
ratio p/p;) as the gas expands in the nozzle the nozzle area is
initially reduced, achieving a minimum for some value p/p: that
1s equal to pcr/p: = Ecr‘ and subsequently increases.

The nature of this change in nozzle cross-section along the
length of the nozzle is explained as follows, During the first
Part of the expanaion process, where p/p: > dcr’ 8as velocity in-
Creases faster than the specific volume of the gas; therefore,
to the degree that the €a8 expands the required cross-section
area is reduced. During the last part of expansion, where p/p; <
ﬁcr. gas velocity continues to increase, but at a slower rate
than specific volume so that the nozzle cross-section area must
be increased.

The pressure ratio that equals pcr’ or corresponds to the

minimum nozzle cross-section, is calledcritical pressure ratio,

and the pressure that equals P, = p;ﬁcr is called critical pres -

Sure.

It was demonstrated in thermodynamics that

s\
=t () (7.7)

in other words, the magnitude of critical pressure ratio depends
only on the adlabatic exponent, and for k' = 1,32 to 1.35, which
is characteristic for gas turbine engines, :cr = 0.55 to 0.5k,

Thus, if the pressure in the space into which the gas flows
(in the Space between the nozzle Assembly and the bucket ring of
ttie turbine) is P, 2 Pops or pl/p; > 5cr’ the nozzle must be
convergent, in olher words, its outlet cross=-section must he
smaller than the preceding cross-sections (see figure 89, a). 1In
that case the £as expands completely in the convergent nozzle to
an external pressure Pys and the outflow velocity c, < Copt

Tf the pressure in the space into which the gas flows is
Py < LI in other words, if p'/p; < Fort the no»zle must terminate
with a divergent part (see figure 89, b) in order to accomplish
complete gas expansion to the pressure Py in the nozzle and to
obtain a supersonic outllow velocity (greater than critical
vulm*it_\').

Tn the convergent norzle represented in figure &9, a, if

P/, <

ot the gas cannot expand completely to an external
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pressure p, < Por because the nozzle flow area is not sufficiently
increased.

In that case a critical pressure Per > P, and a critical
velocity are established in the outlet (minimum) cross-section
of the nozzle that remain constant no matter how much the external
pressure p, is reduced, under otherwise unchanged conditions, in

comparison to critical preassure.
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Figure 89: Nozzle configurations:
a - convergent (subsonic); b - divergent (supersonic)

Continued gas expansion from pressure Pep takes place outside
the convergent nozzle. During this process the energy that cor-
responds to the expansion of the gas from pressure p,. to Py is
consumed primarily for the jet spreading out under the effect of
its excess internal pressure and for generating wave-type flow
oscillations, and consequently there is no substantial increase
in gas velocity above Cer outside the nozzle under consideration.

Gas turbine nozzles are always inclined under some angle rt;
to the rotational plane of the turbine wheel, and the outlet cross-
sections of nozzle ducts are not perpendicular to their axes (see
figure 90). Therefore, the so-called oblique nozzle outlet section
is formed at the outlet of each nozzle duct, in other words, the
half-open part ecd of the duct.

Unlike the nozzle with straight outlet section (as shown in
figure 89, a) the convergent nozzle with oblique outlet section
makes it possible to obtain, if pI/p: < Ecr' a gas outflow velocity
greater than critical velocity at the outlet (from the oblique
outlet section). This is explained by the fact that the oblique
outlet section has the effect of a divergent nozzle. In other
words, if p‘/p: < ch_, a critical pressure Per > py and a critical
velocity are established in the minimum cross-section cd that is
perpendicular to the nozzle axis, or in the initial cross=-section
of the oblique outlet section (see figure 90), and continued gas
expansion with gas velocity increasing above critical velocity
takes place in the oblique outlet section itself,
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Figure 90: Nozzle with oblique outlet section.

When gas expands in an oblique outlet section the gas pres-
sure is decreased gradually along the wall ce while in point d
it drops almost abruptly to the external pressure Py As a result
the gas jet in an oblique outlet section is exposed to greater
pressuie from the direction of the wall ce, causing the gas mass
to move away from this wall in a direction perpendicular to it.
Consequently, the gas jet is deflected by a certain angle p from
the nozzle axis and flows from the oblique outlet section de at
an angle equaling cx1 = a" + 8.

If the pressure ratio is subcritical, the outlet pressure P,
is established in the narrow nozzle cross-section cd, and there
is no subsequent gas expansion and gas jet deflection in the
oblique outlet section {angle 6 = 0).

Convergent nozzles are used exclusively in the turbines of
aviation gas turbine engines, and their oblique outlet sections
are exploited to achieve additional gas expansion to the degree
that is necessary. These nozzles operate equally well uander
almost all regimes, while divergent nozzles are very sensitive
(from the point of increasing losses) to a change in regime.
Moreover, using divergent nozzles also complicates the design

of the turbine nozzle assembly.

3. Energy Conversion at the Rotor 3lades

The gas flow, after departing at a velocity c, from the
nozzle ducts through the axial space separating th> nozzle as-
sembly from the bucket ring, enters the ducts formed by the rotor
blades,

The gas flow has a relative velocity with respect to the
rotor blades whose direction is determined bv the angle 51 (see
figure 91).

Based on the cusine theorem it follows from the inlet velo-

city trinngle of the turbine wheel that

[

!

BT (7.8)

where 7] is the angle at which the gas jet departs from the nozzle
duct (taking 1nto account the deflection in the oblique

outlet section, if the gas expands in 1:).
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It is seen from the same velocity triangle that the axial
component ®ia and the circumferentinl component C4u of absolute
velocity <, equal

C1a== €y Sin e, =1, sinjty; (7.9)
€, == €, COS &, == W, COS {, + &t (7.10)
.

The angle ;31 is determined with the aid of these relationships

and equalitiesa: sing, = _;‘3_‘“"".
v

Figre 913 Gas velocity triangles at the inlet and
outlet of the turbine rotor blades.

The relative gas velocity W, at the outlet of the ducts formed
by the rotor blades (see figure 91) is determined with the aid of
the energy equation. This equation has the following form, applicable
tc the relative motion of 1 kg of gas between the rotor blades
(not including losses):
f%d+A-—ﬁ‘;::7-—t,+A-~,'_,”_j,—',
whence

SRR IS

u'2,=]/-;l-("n— » (7.11)

where Yoy is the theoretical relative gas velocity at the rotor
duct outlets;
12 ad is the enthalpy of 1 kg of gas upon completion of adiabatic
expansion to a pressure P, behind the turbine wheel.
The flow of the gas through the bucket ring is accompanied
by losses, as it was through the nozzle assembly., Therefore, the
true relative gas velocity Wy is less than the theoretical velocity
W SO that
W, =Gy,
(7.12)
whereV 1s the velocity coefficient for the rotor blades, a mag-
nitude corresponding to the coefficient ¥ for the nozzles.
As a rule, the coefficient ¥ for turbines of modern turbojet
engines is not less than 0.94 to 0.95 and achieves even greater
magnitudes in individual instances.
Taking note that the difference between enthalpies in equa-
tion (7.11) is the adiabatic heat drop hr at the rotor hlades and
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can be expressed on the basis of formula (7.2), by the degres of
reaction hr - ’h‘l" and suhstituting the numerical values for A and
&» we obtain the following expression for the desired relative
velocitys

o = VR @l

(7.13)

The magnitude of absolute gas velocity at the rotor outlet iv
determined with the aid of the outlet velocity triangle (see fig-
ure 91) from which 1t follows, based on the cosine theorem, that

c=Vw T - ERITEN (7.14)

The axial and circumferential components of this velocity

will be squal to
Con = C,8in2, — 1. 8103,

(7.15)

f,— € COS3, == 10 cOts T (7.16)

The lower signs in the last expression refer to the case
where the angle az > 90°. This angle determines the direction
of the gas flow at the rotor outlet and can be found with the aid
of the obvious relationship

siny =~ —:':"Si" 3,

Let us now determine the force applied by the gas flow to the
rotor blades in the rotational direction of the rotor. For this
purpose let us use the momentum equation established for the
direction of the circumferential velocity u. If we assume the
direction of rotor rotation to be positive, and if the gas flow-
rate through the turbine equals 1 kg/sec, this equation is writ-
ten as folldows:

- TR
Py=— P =2t

(1.17)
wvhere Pu is the force applied to the bucket ring by each kilogram
of gas flowing through the turbine per second;
P'; is the action force of the rotor blades applied to the
&as flow, equal in magnitude and opposite in direction
to the desired force Pu'

There are two aigns in front of L in equation (7.17). Thias
is due to the fact that the direction of velocity Cay COD coincide
with the direction of velocity € (az > 90°). or can be opposite
to that direction (a.z < 90°). In the first case there must be
a ainus sign in equation (7.17), and in the second case & plus
sign.

Further, using the equality of (7.10) and (7.17), we can
write ., .

Cpy 2 €y, == W COS 3, + 10,008 4,

Substituting this expression in equation (7.17) we obtain

P ) tn_»h. Lh s,
35S T ———

& (7.18)
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Nultiplying the force P“ by the velocity of blade motion, u,
we find the work done by 1 kg of gas at the rotor circumference
during a period of one second:

L,=ub,

(7.19)

The force applied by the gas flow to the bucket ring in the
axial direction can be determined with the aid of the momentum
equation, too.

4. Turbine Effjciency gnd Turbine Power

The following typesof eneryy losses arse sncountered in a gas
turbine:

losses with outlet velocity, in other words, losses determined
by the magnitude of kinetic energy in the gas flow departing from
the bucket ring (kinetic snergy not used in the turbine);

losses due to overcoming resistance in the nozzle assembly
and bucket ring (the effect of these losses was taken into account
above, with the aid of coefficients ¢ andy )j

losses connected with gas leaks through clearancesj

losses due to overcoming the friction of the face surfaces
of the turbine whesl sgainst the gas}

losses due to overcoming friction in the turbine shaft bear-
ings.

The first two types of losses are the greatest and are rated
by means of the relgtive efficiency at the rotor circumference, 7.
This efficirac. quals the ratio between the work obtained at the
rotor circimfere.ce (for its mean diameter) and the available work
or the adiabatic heat drop h’l‘ for the turbine (atageh

aly

KN (7.20)
The adiabatic heat drop that can be accomplished in the turbine
(in the stage) can be expressed by the kinetic energy:

= (7.21)
where o is the conditional outlet velocity that could be obtained
if the heat drop h’l‘ were completely converted into
kinetic energy.
Now, using formulas (7.19), (7.20), and (7.21) we obtain
== (7.22)
A detalled examination of this expression shows that the
velocity ratio u/co has the greatest effect on the magnitude of
" Ir u/co is increased, the relative efficiency '1u will increase
initially and reach a maximum for a certain value of u/co. At
this point the total losses assume a minimum., Further increase
of n/c:o is accompanied by a reduction in nu, primarily due to
increasing losses with outlet velocity. At the same time, the
greater the degree of reaction p, the greater will be the value
of u/c:o at which a maximum for m  1is obtained.
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This i1s illustrated by the graphs in figure 92 showing (dotted
curves) the dependence of n on u/c for different values of p and
tora'-zo.w-o96 'r*-noo l(.

Ve
Figure 921 Dependence of turbine ottic:l.oncy "
the velocity ratio.

The kinetic energy that is not used in the turbine is determin-
ed by the magnitude of absolute gas velocity at the outlet of the
bucket ring (of the last stage), in other words, cz/zg does not re=~
present a loss to the gas turbine engine as a whole. A significant
part of this energy (after deducting the loss in the section between
turbine and jet nozzle outlet) is used to generate reaction thrust.
Therefore, considering the turbine as part of the engine, it is
expedient not to use h’l‘ a8 the available work but the difference

b A= (T
This difference is the work of the ideal turbine having the
same outlet gas velocity by magnitude as the comparable real tur-
bine. Also introduced in this context is the notion of the relative
efficiency at the rotor circumference using the outlet velocity, in
other words

- AL, Aly
T
r=A- W (7'23)

Since hi < h, it follows that w>n, .

Strictly speaking, this efficiency does not describe the ef-
fectiveness of the turbine but it will be shown later that the
exhaust velocity from the jet nozszle and, consequently, the thrust
of the turbojet engine, is directly dependent on precisely the
magnitude of this efficiency.

The relative efficiency using the outlet velocity, n" is
dependent on the same factors as the relative efficlency 'n +« Like
Ny* the relative efficiency n% increases with increasing coel‘!‘i-
clontl @ and ¥ .

The dependence of ﬂ: on the ratio u/co for different valuas
of p is represented by the solid curves in figure 92. However,
there the curve of the most favorable values of p for the given
case was plotted as a function of u/::°
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When we determined the relative officiency at the rotor cira
cumference and the work L“ we made the assumption that the entire
quantity of gas supplied to the turbine flows through the ducte
between the rotor blades. Actually, a certain Part of the gas
leaks through the annular space between bucket ring and turbine
casing and escapes the ducts between the rotor bladea. Therefore,
the work received by the rotor will be alightly less than the work
Lu obtained above.

Moreover, part of the work received by the turbine wheel
is expended on friction between its face surfaces and the gas.

As a result the work LtT that is transferred to the turbine
shaft, or the s0~=called ;gggm; work of the turbine, is always
less than the work Lu.

Referring the work Li‘l‘ and the work loeses mentioned above
to 1 kg of gas moving through the turbine per second we can write

Mol aag =1, (1 - Ly eak/ly = Lg/L,)
where Llonk is the work lost due to gas leaks;
Lf is the friction work of the face surface of the
turbine wheel.

The ratio Llo.k/Lu depands on the relative magnitude of the
radial clearance betwsen the blades and the turbine casing that
surrounds them (when the turbine is hot); for the types of clear-
ance encountered in turbines of modern engines we can roughly
use a ratio "1uk/"u = 0,01 to 0.02.

As a result of high gas flowrates through the turbine the
magnitude of L‘. Proves to be insignificant and as a rule l.‘./l.u £ 0.01,

Thus, we can assume that

Ll'r = (0.97 to 0.98) Lu'

The ratio between the work transferred to the turbine shaft
and the adiabatic heat drop in the turbine is called internal
r iv n or v nd [} ciency, in other
words, X

n, = St = (097 - 298)+,
or, taking into account the outlet velocity,
n, = (007 = 098)x;,.

The work L‘l‘ that is removed from the turbine shaft, or the
effective work, will be less than the work L1T since part of the
latter is expended to overcome friction in the turbine bearings.

Friction losses in the turbine bearings are taken into account
by the mechanical gﬂ‘icigncx nm, equaling the ratio between the
shaft work l‘l‘ and the work Li‘!"

As a rule, mechanical efficiency is high due to the employ-
ment of anti-friction bearings that absorb a relatively small
part of the load. Roughly, the following can be used:

N .

Ty == 7o m2 00805,
e
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The ratio between the work removed from the turbine shaft
and the adiabatic heat drop in the turbine is called relative
effective efficiency, ﬂ.rl

Al
T Ty

This efficiency takes into account all the energy losses in
the turbine considered above and determincs the magnitude of the
work that can be removed from the turbine shaft under a given
value of adiabatic heat drop.

Taking into consideration the exploitation of the outlet
velocity in the jet nozzle, the relative affective efficiency

will equal "
LI . AL
Ty S g By = T:’ .

For aviation turbines these efficiency factors are:

7= QO — 030
== G82 —m 01,

It was shown above that an increase in turbine efficiency
can be achieved by increasing the velocity ratio u/c:o to a certain
limit. However, under practical circumstances an increase of
u/c:o is limited, for a given heat drop in the turbine, by the
value for the circumferential rotor velocity u that can be achieved,
considering the strength of the turbine wheel and especially of
the rotor blades. The greater the length of the rotor blades for
a given turbine wheel diameter, the slower must be, under other-
wise equal conditions, the circumferential velocity. Modern turbo-
jet engines have a circunferential velocity at the mean turbine
wheel diameter amounting from 270 to 360 m/aac and sometimes more,
and a velocity ratio u/co = 0.4 to 0.45.

Turbine efficiency is reduced greatly with a reduction in
the valuss of u/co. Small values for u/«:o are obtained when great
heat drops must be accomplished in the turbine at a limited cir-
cumferential rotor velocity. In that case it can prove necessary
to use double-stage or multi-stage turbines in order to ensure the
required magnitude of efficiency.

By dividing the heat drop that can be accomplished in the
turbine between several pressure stages, it is possible to reduce
the circumferential rotor velocity and maintain the most advan-
tageous ratio n/c0 for sach stage individually, or a ratio close
to it, thus ensuring a sufficiently great efficiency for the
turbine as a whole.

Moreover, building a turbine as a multi-stage configuration
(with pressure stagol) tends to increase its efficiency for the
following additional reasonsi

as a result of the reduced heat drop in the stages the gas
velocity in the turbine flow section is decreased which leads to

a reduction of losses in the noszle and rotor ductsj
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& reduction of gas velocity in the ducts bestween the blades
and a reduction of turbine wheel dismeter, resulting in a decrease
of circumferential rotor velocity for a €iven rpm, lead to an in-
crease in blade length, thus reducing the relative losses due to
§a8 leaks through the radial clearances between blades and turbine
casing;

the outlet gas velocity of each stage with the excention of
the last stage is exploited by the following stage, and the outlet
velocity of the last stage is reduced in accordance with the reduce
tion in heat drop attributed to that stage;

the increase in the enthalpy of the gas that 1s due to internal
losses in a stage is partially exploited to produce useful work
in the following stages.

The disadvantages of a multi-stage turbine is that the blades
of its initial stages, and especially of the first stage, operate
under conditions of greater temperatures than the blades of a single.
stage turbine having the same heat drop t;r and initial gas temperatu;
1‘2. This is explained by the fact that the reduction in heat drop
and, consequently, in pPressure drop as well, also has the result
that the temperature reduction in a stage (in the noszle assembly)
of a multi-stage turbine is smaller than in a single-stage turbine.

Morsover, increasing the number of stages results in an in-
crease in the length of the turbine which can lead to an increase
in turbine weight. However, since the turbine diameter is reduced
in the process the transition, for instance, from a single-stage
to a double-stage configuration is accompanied by a comparatively
small increase in turbine weight,

As an example, let us consider the thermal process of g
double-stage turbine with Pressure stages and non-cooled blades.
This process is Tepresented in the iS-diagram in figure 93. 1In
front of the first turbine stage the pressure Py the gas velocity
L and the total enthelpy of 1 kg of €38 are determined by the
point z*. The terminal a8 pressure at the rotor outlet of the
last, the second turbine stage, equals Py- Here the adiabatic
heat drop h’l‘ that is accomplished in the turbine is measured by

the distance l*2t.

Figure 93: Expansion process in a double-stage
turbine with pressure stares.
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In the first turbine stage the gas expands from a pressure
Py to a pressure p,", > Py* As a result of the gas being heated due
to friction in the nozsle and rotor ducts this expansion process
deviates from the adiabat zz;d and is represented by the curve 30.
Therefore, the trus enthalpy of the gas at the outlet of the rotor
blades of the first stage is determined by point O, But the adia-
batic heat drop hy (taking into account the initial velocity °z)
that is accomplished in the first turbine stage, is measured by
the distance z*’z;d.

Friction against the rotor face surfaces and leakage of part
of the gas through the radial rotor clearances of the first stage
have the result that the enthalpy of the gas at the inlet of the
second stage is slightly greater than at the outlet from the rotor
blades of the first stage, so that it is not determined by point O
but by point 2'. As a result, and also due to losses in the noszsle
and rotor ducts of the second stage, the 'actual gas expansion process
in that stage from a pressure pé to a pressure p, is represented
by the curve 2'2,

The velocity at the inlet of the second stage equals the
velocity cé at the outlst of the first stage rotor. If we take
into account the energy that corresponds to this velocity, the
adiabatic heat drop hII that is accomplished in the second turbine
stage will be measused by the distance 2'*2“.

If we increass the initial temperature the adiabatic heat
drop will be increased for the same pressure drop. Consequently,
for a doublu-stage turbine (see figure 93) hy + hpy > By, and for
a turbine with any number of stages zh" > hy, where h_, 1s the
adiabatic heat drop in each individual stage.

Thus, in a multi-stage turbine the sum of the adiabatic heat
drops in the individual stages is greater than the adiabatic heat
drop h.r in the turbine as a whole. Physically this is explained
by the fact that the losses in each stage, as we showed above,
cause an increase in the enthalpy of the gas departing from that
stage, thus causing a certain increase of the heat drop in the
following stage.

Taking the above into consideration we can write

E/{t»-.-([ b =) ke,
where @ > O can also be called the energy recovery factor.

Now, let us assume for simpliticy that the relative efficiencies
at the rotor circumferences, nu at! and the adiabatic heat drops
h.t are identical for all stages. In that case it is obvious that
the work Lu at
identical, too, and if z is the number of stages,

at the rotor circumferences of all stages will be

ZL, g¢ = Ly a¢ ™ Lur

where Lu‘l‘ is the aggregate work at the rotor circumference of
the entire turbine as a whole.
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Therefore, in this case the relative efficiency at the rotor
circumference of any stage will equal

My
ram v

n = =AL, .e/sh" - =.

v st
Consequently, n, = (1 + a)nu st? 1N other words, the efficiency
of the entire turbine as a whole is greater than the mean efficiency
of its stages taken individually.
The energy recovery factor G that enters into the cited re-
lationshim increases with increasing number of stages, losses in
the stages, and gas expansion ratio in the turbine. For double-
stage and triple-stage aviation turbines, this factor in the majority
of cases is a= 0.04 to 0.08.
The effective power or the power Ny that is removed from the
turbine shaft, is determined by the product of the effective work
l‘l‘ and the weight flowrate per second of combustion products
through the turbine, G‘, and is

Np = L.l.c‘hs.
But since, in accordance with the foregoing,

n, " .
L= ',1""'1-:‘ TT‘Z,-

it applies, corre -pondingly, that

Np = G /754 « hon, « 03/751\ - hgng.

The effective turbine power of a turbojet engine must be
slighly in excees of the power Nk Tequired to drive the compres-
sor, by the magnitude required to drive the auxiliary machinery
and to supply cooling air. For modern turbojet engines the meamn
is NTMI.Oz Ny + whence LrG‘ %1.02 Lkﬁ..

However, for a turbojet sngine the ratio between the flowrate
of combustion products through the turbine and the air flowrate
through the compressor usually on the average also equals G‘/G. -

Ly, 4 hence

L=l
el (7.24)

in other words, for a turbojet engine the effective work of the
turbine must be equated to the sffective work of the compressor,
which is the basic condition for a bilanced regime of operation
(ses below) of a turbojet engine.

With the aid of (7.21), (7.23), and (7.24) we can find the
required expansion ratio of the combustion products in the turbine
of a turbojet engine, € "_' » Actually,

Ay,
e Ly= 1t = Ly

4

and

.
wesr(37]
’
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Therefore,

(7.23)
where P2 is the static pressure behind the turbine, or in front
of the jet nozzle of a turbojet engine.

It is seesn that, under otherwise equal conditions, the pres-
sure p, behind the turbine will decreass with increasing compres-
sor work l‘k and decreasing temperature T: in front of the turbine
and decreasing turbine efficiency n,r. At the same time the pres-
sure p, behind the turbine also depends on airspeed and altitude,
since /.l =P, « All of this equally affects the
total pressure Py behind the turbine.
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CHAPTER 8
THE JET NOZZLE OF THE TURBOJET ENGINE

1. s F in the No

The final expansion of the combustion products and the con-
version of the remaining heat drop behind tite turbine into kinetic
energy takes place in the Jet nozzle. This conversion must be ac-
complished with a minimum of losses possible under all conditions
of engine operation.

As a rule the jet norzle is located at a certain distance
from the turbine and connected with the turbine casing by means
of the jet exhaust pipe (exhaust cone), forming the engine exhaust
system together with the latter,

If the exhaust system must be lengthened for engine installa~
tion in an aircraft an additional extension pipe is installed
between jet noxzle and exhaust pipe where, as we mentioned sarlier,
the gas flow is slowed down., As a result the gas flows along the
extension pipe at a reduced velocity which favors a reduction of
losses in the Pipe. As a rule, the gas velocity at the end of the
exhaust pipe or in croass-section e'e' at the Jet nozzle inlet is
c, = (0.75 to 0.90)1:2.

The walls of the jet nozzle, and very frequently even of the
entire exhaust system, are cooled by air. The exhaust pipe walls
of some engines have a heat insulation that reduces heat losses
to the environment and protects nearby aircraft parts against
being heated.

A typical diagram of the exhaust system of o turbojet engine
consisting of exhaust cone and aire-cooled jet nozzle with fixed
discharge area, is shown in figure 94,

Variable area Jot nozzles of turbojet engines are usually
given an exhaust flap configuration. 1In these norzles, as seen
in figure 95, the walls consist of a number of flaps or segments
(petals) with o variable angle of inclination Qp) relative to the
longitudinal symmetry axis of the norzle. If this angle is re-
duced the nozzle discharge area #s increased, and if the angle is
increased the area is reduced. The flaps are displaced in the
nogzle closing direction by hydraulic or air Pressure with the aid
of several actuating pistons locsted in actuating cylinders that
Are secured to the exhaust cone casing. The flaps open under the
effect of the gas flow escaping from the jet nozzle.
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Figure 943 Diagram of the exhaust system of a
turbojet engine.

Legends:
A - transition chamber;
B - jet nozsl:.

Figure 951 Diagram of a variable ares Jjet noszsle:
a - nozzle throttled; b « nozszle opened.

The gas flow is discharged from the jet nozsle at a high
velocity and a significant temperature. In modern turbojet
engines operating under the designed regime in static operation
on the ground the gas velocity Ce at the jet nozsle outlet reaches
550 to 650 m/sec, and the temperature T, = 830 to 850°K., if no
fuel is burned in the afterburner behind the turbine (see below).
As the gas flow moves away from the jet nozsle discharge area
it is mixed with the surrounding air and gradually dissipates;
gas velocity and temperature are reduced. However, the velocity
and temperature in the gas flow still remsin significent at a
fairly considerable distance from the Jet nossle (see figure 96).
This requires compliance with the necessary 2afety measures when
the engine is operated on the ground, either in the aircraft or
on a test stand. The turbojet engine must be so located in the
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aircraft that the danger of the gas flow damaging the fuselage
and empennage and the possibility of destroying the runway sur-
face are eliminated.

Figure 96, Gas temperature and

fo

rfcen % velocity beyond the jet
720, £ ¢50 nozzle of the turbojet engine.
% 570 a- distance from nozzle output
) 130 section, meters,
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The gas exhaust velocity from *he jet nozzle can be found
with the aid of the snergy equation written for the ges flow in
the section between the turbine outlet cross-section 2,2 and the
Jet nozzle outlet cross-section ¢e. If we diaregard hydraulical
resistance and heat transfer from the gas to the engine exhaust

systum, this equation can be written as follows, for one kg of

I"

gas: fot At

i A
whence, substituting 5=—L4—A;f. » We obtain

oV M=) (8.1)
where Sot is the theoretical exhaust velocity (not accounting for
losses) from the Jot nozzle;
15 and T! are the total enthalpy and stagnation temperature of
the gas at the turbine outlet;
1. ad and T. ad 8T® the enthalpy and temperature of the gas in the
outlet cross-section of the Jet nozzle in the case
of adiabatic gas expansion (without losses) from a
pressure Py to a pressure Py
The real gas exhaust velocity from the jet noszsle, Co® that
is directed along the nozszle axis and determines the sagnitude
of specific engine thrust, is always less than the theoretical
velocity Co t* due to the effect of hydraulic and thermal losses
in the exhaust system and as & result of a certain nonsuniforuity
and spin of the flow at the turbine outlet (in other words,
velocity €, deviates from the axial direction). Taking all these
losses into account through the so-called velocity cosfficient
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of the jet noszle, w" n" c./c. ¢! determined from experience,
and expreesing the temperature ratio in formula (8.1) by the
corresponding pressure ratio, we obtain

oyl (]

(8.2)

where p! is the total pressure at the turbine outlet;
P, is the atatic pressure in the outlet cross-section
of the jet nozzle;
p.:,/p. = cj.n is the gas expansion ratio in the jet nozzle.

For modern turbojet engines the velocity coefficient of the
Jot nozzle uader the designed regime 1» m‘,.n w 0,96 to 0.98,

If there is complete €88 expansion to atmospheric pressure
in the nozzle we must substitute Py ® Py in formula (8.2), or
Py * Py if the engine operates on the ground,

If there is a supercritical Pressure drop in the jet nozzle
the gas in a simple convergent jet nozzle will, as we know, ex-
pand only to a critical pressure equaling Per ® Scrps > Py»

acquiring a critical exhaust velocity c. in the proceas.

If the airspeed is increased the vol.::ny head compression
ratio will increase so that under otherwise unchanged conditions
the total pressure pg behind the turbine will be increased, an
we showed earliur. Consequently, the pressure ratio pg/pH in-
creases, and at high supersonic airspeeds the pressure drop in
the jet noxzale becomes supercritical.

However, in a simple convergent jet nozzle it is impossible
to exploit a supercritical pressure drop completely, in other
wvords, to expand the gas to atmospheric pressure Py if pg/pH > 1/e
and to obtain an exhaust velocity e that is greater than critical

cr’

velocity ¢ » Or supersonic. Therefore, in a turbojet sngine

with ot-pl: 3:& nozssle the specific thrust obtained for p!‘,'/pH >
>l/ncr is less than it could be under otherwise equal conditions.
But in the case of complete 8a% expansion to a pressure Py = Py
where the exhaust velocity becomes supersonic, this loss in the
thrust of the turbojet engine that is due to incomplete Zas ex~
pansion in a simple jet nozzle becomes appreciable, starting out
from an airspeed approximately corresponding to a Mach number of
"H = 1.3 to 1.6, and increases rapidly with a further increase in
airspeed.

A® a result it becomes necessary to use supersonic divergent
Jet noszles (see figure 97) for turbojet engines intended for
employment at high supersonic airspeeds, in place of the simple
convergent jet noszsles.
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Figure 97: Diagram of a supersonic jet nozzle.

Using a supersonic jet nozzle in place of a simple nozzle
makes it possible to increase the specific thrust of a turbojet
engine under supercritical pressure drops and a given value for
Tg and to reduce its specific fuel consumption accordingly, since
the supersonic nozzle differs from the simple nozzle in that it
is possible to accomplish supercritical pressure drops and to
obtain a superasonic gas exhaust velocity.

Thus, for instance, at a Mach number HH = 2 and an altitude
of H = 11,000 meters the specific thrust of a turbojet engine with
supersonic jet nozzle can be greater by 20 to 25 % than for the
same engine with a simple jet nozzle. At still greater airspeeds
this gain becomes even more significant.

The length 1J.n of the divergent part of a supersonic jet
nozzle is determined by the magnitude of the ratio F./Fcr = Dz/DEr
and by the angle of aperture aJ.n of that part of the jet nozzle
(see figure 97).

For a given magnitude F./!‘cr the length and weight of the jet
nozzle, and also the surface area of its walls, will increase with
decreasing angle of aperture aJ-"' This leads to an increase of
gas friction losses in the nozzle and to an increase in the quanti-
ty of air required to cool the nozzle walls. Under excessively
great angles aJ.n the gas flow at the nozzle outlet becomes sig-
nificantly non-parallel with respect to the longitudinal nozzle
axis, and the flow can separate from the nozzle walls, leading to
$.n = 2% to
30°. However, the subsonic part of a supersonic nozzle is usually
designed with an mngle &; . = 90 to 120°.

The area ratio Fe/rcr is called the divergence of a supersonjc

t _noggle and is uniquely determined by the gas expansion ratio

a reduction in engine thrust. As a rule, therefore, a

3 in the jet nozzle.

Jn
The dependence of Fe/rcr on ‘J'n for k' = 1.33 is shown in
figure 98, where it is seen that the required divergence of a

supersonic jet nozzle increases with increasing ‘J n" pg/pe.
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Figure 98;: Dependence of the divergence of a supersonic
Jet nozzle on the €88 expanaion ratio in
the nozzle.

With a change in the £as pressure p5 at the inlet of auch a
nozzle at a given magnitude of nozzle divergence, or with a change
in nozzle divergence at a constant presaure pg in front of the
nozzle, the pressure P, in the nozzle outlet cross-section will
be changed and can become either greater or less than the atmo-
spheric pressure Py

If the nozzle divergence ensures complete gas expansion to
atmospheric pPressure, in othar words, if P, = Py and cJ.n = pE/pH,
the regime of nozzle cperation is called a designed regime., 1In
that case the engine thrust is determined according to formula
(2.7).

If the nozzle divergence is inadequate for complete gas ex~
pansion to atmospheric pressure Py the nozzle Operates under an
underexpansion regime where p, > Py and eJ.n < pg/pH. In that
case the engine thrust ia determined according to formula (2.6).

If the divergence is greater than required for €as expansion
to atmospheric pressure Py the nozzle operates under an overex~
pansion regime, in other words, a pressure P, < Py is established
in the nozzle outlet cross-section, and in that case %.n > ps/pH.
Since the gas velocity in the nozzle outlet cross-section is super-
sonic the gas flow stagnates behind the nozzle under the effoct
of a counterpressure Py > Pqy+ and oblique shock waves are formed
in the flow where the pressure ia increased to Pyr @8 it is shown
schematically in figure 99, In that case, as in the preceding
cases, the gas velocity in the hozzle outlet cross-section is
determined in accordance with the actual expansion ratio 'J.n -

- p5/pe that corresponds to the given nozzle divergence. The
engine thrust is found according to formula (2.6) which can be
written as follows, taking into consideration that Py < Py

P=S8— V) F,(py—p,)



.-~ RA=017-68 163

Foie o
HH. P = e
. il - o o

|
5 i -
—_— -
i B, S - - - .
L .

ENdE N wETEE

T :“H_\_Jﬂ—‘-—_

Figure 99: Diagram of the operation of an over-
expanded supersonic jet nozzle.

However, experience shows that if the pressure ratio pe/pH
becomes less than a certain magnitude (pe/pH)sep < 1 as a result
of gas overexpansion, the boundary layer will separate from the
nozzle walls and the oblique shock waves described above will
move inside the jet nozzle. A gas flow diagram with flow separa-
tion from the nozzle walls under an overexpansion regime is shown
in figure 100. The pressure ratio (po/pﬂ)lep where flow separa-
tion from the nozzle walls begins under an overexpansion regime
depends primarily on nozzle divergence and on the angle of

aperture a . The averaged dependence of this ratio on F./Fcr

Jen
for aJ.n’s 30°, plotted on the basis of available experimental
data, is shown in figure 101,

@ er ] it

Figure 100t Gas flow diagram with flow separation from
the nozzle walls.
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The pressure at the internal part of the nozzle surface behind
the flow separation plane x x (see figure 100) is close to the ex-
ternal pressure Py» 80 that part of the nozzle is practically not
involved in thrust generation. Therefors, in case of flow separa-
tion under an overexpansion regime the thrust of the engine muat
be determined according to the formula

P, V) =P )
where Coe 'x' and p, are the velocity, flow area, and pressure in
the nozzle cross-section x x where flow
separation from the nozzle walls begins.

For high supersonic airspeeds, where the pressure ratio p‘zi/pH
is great, it usually proves expedient to use a supersonic jet
nozzle with reduced divergence that will not provide full gas
expansion to atmospheric pressure Py for the designed airspeed
and altitude. This is explained by the fact that for large values
of ps/pH a reduction in the gas expansion ratio in the nozzle to
approximately eJ‘n%50-75 ps/pH will result, under otherwise un-
changed conditions, in a relatively small reduction of the thrust
of a turbojet engine. At tho same time the required nozzle
divergence and, consequently, the nozzle weight and length as well,
are significantly reduced. Moreover, the nozzle outlet diameter
Da is also reduced in the process, contributing toward a reduction
of engine drag. The most favorable divergence of a supersonic
nozzle is established on the basis of comparative effective thrust
and engine weight calculations for different values of Fe/Fcr'

Figure 101: Dependence of (Pe/pﬂ)sep on
nozzle divergence.

If there is a change in the airapeed and altitude and in the
regime of engine operation designed for high supersonic airspeeds,
the pressure ratio pslpH will vary within wide limits. In parti-
cular, under otherwise equal conditions the pressure ps as well
as the pressure along the engine tract in general and, consequently,
pz/p“ as well, will be reduced with a reduction in airspeed, due
to a reduction in the aggregate compression ratio ":. Thus, for
instance, a turbojet engine with ”ﬁo = 8 and T; - 1300° K at an
airspeed corresponding to a Mach number MH = 3 and an altitude
of 20 km will achieve a preassure ratio of pg/pﬂayzo. while the
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same engine operating under a regime of maximum thrust in static
operation on the ground (upon take-off) has a value of ps/pH x2.9.

Consequently, if a supersonic jet nozzle is designad so that
its divergence ensures complete or close to complete gas expansion
at maximum airspeed and altitude, such a nozzle will operate under
significant overexpansion regimes at slow airspeeds. The greater
the designed airspeed and altitude for the nozzle (the greater its
divergence), the more significant will be the overexpansion of the
&as in the nozzle and, consequently, the greater will be the thrust
degeneration of the turbojet engine at slow airspeeds, especially
upon take-off (in comparison to a nozzle designed for this air-
speed). The thruast degeneration can be reduced by using a so-
called trade-off jet nozzle. This type of nozzle has leas diver-
gence than required for maximum airspeed so that it operates under

an underexpansion regime at this airaspeed, but instead it will not
cause significant thrust degeneration at slow airspeeds due to great
overexpansion of the gas in the nozzle. However, using a trade-off
Jot nozzle that ensures sufficient overexpansion of the gas at slow
airspreds can lead to a significant loss of thrust at maximum air-
speed (due to great underexpansion), if this airspeed is high.

-'or most eoffective use, supersonic jet nozzles must be control-
led so that they ensure complete or close to complete gas expansion
with a minimum of losses at all airspeeds and altitudes and under
all regimes of engine operation. In order to accomplish this type
of control it must be possible to vary the nozzle divergence F /F
in accordance with the change in the pressure ratio p /pH while
the engine is in operation.

The areas of the outlet cross-section Fe and the critical
cross-section Fcr of a supersonic jet nozzle and the ratio between
these areas can be varied by displacing the internal angles 1t (see
figure 102,a), by turning the flaps 2 forming the nozzle walls
(sese figure 102,b), by displacing the internal angles 1 and turning
the flaps 2 (see figure 102,c), by turning the flaps 3 to change
the nozzle outlet cross-section F and injecting air (see figure
102,d) to change the critical flov area (in other words, through
pneumatic or gas dynamic nozzle control), and by other means. It
is obvious that the most advantageous control of a supersonic nozzle
will be achieved Lf the outlet cross-section and critical cross-
section are varied independently (see figure 102, ¢ and d). How-
ever, this complicates the nozzle control system. A nozzle designed
according to the diagram shown in figure 102,b is simpler and
easier to achieve, but in this type of nozzle a change in the outa
let cross-~section will be accompanied by a simultaneous change in
the critical cross-section, which is far from always being favorable,
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Figure 102: Diagram of the control of supersonic jet
nozzles,

2. Concept of the Reverse Thrust of a Turbojet Engine

Reverse thrust is defined as shifting the thrust effect in
the opposite direction so that a negative thrust is generated that
is directed opposite to the motion of the aircraft and, consequent-
ly, causes the aircraft to slow down.

The reverse thrust of a turbojet engine is a ver; effective
means of shortening the hold-off distance and rolling distance
of fast aircraft during landings. Thus, for instance, exploiting
the reverse thrust of a turbojet engine can shorten the rolling
distance of the mircraft on a wet runway and especially on an icy
runway 1.5 to 2 times and more, compared to braking with drag
chute and brakes. And the hold-off distance of an aircraft prior
to landing can be reduced 2 to 2.5 times with the aid of reverse
thrust. Also, reverse thrust can be used as a means for slowing
down the aircraft in flight, if it is necessary to reduce the ajir-
speed rapidly.,

The reverse thrust of a turbojet engine is accomplished by
means of suitable reversal of the gas flow departing from the
sngine, using special devices that can be made in accordance with
different designs. Some of the possible designs for these devicas
are shown in figure 103. Mechanical reversers are used to turn
the gas flow, for instance, turning flaps 1 (see figure 103,a) or
slides 2 that direct the flow to a €rill which turns the flow
(see figure 103,b), as well as devices where the flow is initially
turned pneumatically, In the last case (see figure 103,c) a jet
of compressed air diverted from the compressor and amounting to
3 to 5 % of the total air flow through the engine is injected into
the central part of the gas flow through an insert 3. This jet
deflects the flow to the grille that turna it into the direction
opposite to the motion of the aircraft.
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Designs of thrust reversers.

satisfy the follow-

requirements:
must generate a negative thrust amounting to not less
of the maximum positive thrust generated by the engine

operation on the ground without thrust reverser;
must ensure a rapid transition from maximum negative

maximum positive thrust, which is very important in the

event of an unsuccessful airecraft landing;

they

appreciably affect the weight and

they

the effect of the

must not disrupt normal engine operation and must not
size of the power plant;
must not cause damage to aircraft parts resulting from

deflected gas jet.

The magnitude of reverss thrust Prov generated by a turbojet

engine under reversing conditions

haust gas
103,a, on

As a rule,

depends on the quantity of ex-
Grcv deflected by the reverser and, as seen from figure
the flow deflection angle p of that quantity of gas.

the relative magnitude of negative thrust Pr.v is con-

sidered, that is prov/P' where P is the thrust of the turbojet

engine under the
ratio P"v/l’ is called the thrust revers

normal regime with disengaged reverser. The

oefficient.

The dependence of the reversing coefficient on the relative

quantity of gas Gr.v/G turned in the reverser
angles & > 90°

under different
and for Vs O is shown in figure 104,
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Figure 104: Dependence of the thrust reversing co-

efficient of a turbojet engine on the quantity of

deflected gas.

It is seen that the value of the reversing coefficient will
increase rapidly with increasing relative quantity of deflected
gas and increasing angle £. However, increasing this angle to
more than s Y% 1500 is not advantageous since in that case the mag-
nitude of negative thrust will increase only little (see figure 105)
and the danger will arise that aircraft parts are strongly heated
and damaged by the effect of the deflected gas Tlow.

T T M0 I R0 160

Figure 105: Dependence of the thrust reversing co-
efficient of a turbojet engine on the deflection angle
of the gas flow.

A relatively great quantity of gas must be deflected in the
thrust reverser of a turbojet engine in order to obtain the negative
thrust required for a landing by a fast aircraft. Thus, for instance,
in order to obtain a value of Prev/p = -(0.4 to 0.5) at an angle
of p= 120° to 1500, it is necessary to have, accordingly, (‘rev/G =

= 0.8 to 1,0,
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CHAPTER 9

DEPENDENCE OF THE SPECIFIC THRUST AND ECONOMY OF
TURBOJET ENGINES ON THE BASIC PARAMETERS OF THE
OPERATING PROCESS

1. Specific Thrust

The specific thrust P.p for a given airspeed and altitude is
directly dependent on the gas exhaust velocity from the Jet nozzle,
Cqt If we assume for simplicity that the &8s is expanded to atmo-
spheric pressure in the Jet nozzle, so that Py * Py » the apecific

thrust is expressed by the formula.

sp

It was shown in the preceding chapter (see formula 8.2) that

the gas exhaust velocity from the jet nozzle of a turbojet engine

for a given value of pressure Py ® Py depends only on the stagna=-

tion temperature ‘l‘g and the total pressure P4 at the turbine out-

let. The following relationships were obtained in Chapter 7 for
the temperature T‘z' and the pressure p'z' at the turbine outlet:

R

. H
Coler

.
= Py Fongt (l M AT
Cnl 2t

Moreover, we know that the sffective work of the compressor
equals

"
L= 10257, 1*.?2.’. .

Thus, it ias readily seen that the specific thrust of a turbo-
Jet engine for a given mirspeed and altitude depends on the gas
temperature T: in front of the turbine, on the compressor compres -
sion ratio rr":, on the efficiencies of compressor and turbine, f]k
and T]T, and on the coefficients that take into account the prea-
sure losses in the combustion chambers and in the jet nozzle, cc.c
and 'th'n) in other words, it depends on the basic parameters of
the operating process of a turbojet engine,

Let us consider the effect of each of these parameters on the
specific thrust of a furbojet engine, assuming that in the event
of a change in any one parameter whose sffect on specific thrust
is clarified, all the other parameters and magnitudes will remain
unchanged.

The dependence of specific thrust P’ on the air compression
ratio in the compressor, T,s under different values of 1‘; and for
ng « 0.90, N, = 0.85, ¥yn " 0.97, andcc.c = 0.95 at different
airspeeds corresponding to Mach numbers MH = 0, 1, and 2, and
altitudes of H = 0 and H = 11 km, is shown in figures 106 and 107,
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Figure 1061 Dependence of the specific thrust of
a turbojet engine on the compressor compression
ratio on the ground.

It is seen that, under otherwise unchanged conditions, the
specific thrust initially increases with increasing compression
ratio in the compressor under 1‘; = const , and subsequently begins
to decline after reaching a maximpym. This type of dependence of
P"p on"; is applicable to diﬂ‘o'ferit airspeeds and explained as
follows.

If the compression ratio is increased the thermal efficiency
of the cycle or the heat utilization in the engine increases, as
we know from Chapter J, contributing to an increase of exhaust
velocity from the jet nozzle and, consequently, also to an increase
of specific thrust.

On the other hand, {if ﬂ"( is increased the air temperature 1‘"(
at the compressor outlet is increased, and if the temperature T;
in front of the turbine remains constant this will lead to a re-
duction in the quantity of heat added to the gas. This must in
itsolf lead to a reduction of gas exhaust velocity from the Jet
nozzle and, consequently, also to a reduction of specific thrust.

Finally, if there is an increase in the compression ratio "n
or, in other words, in the work consumed for air compression, the
absolute magnitude of the losses in the compressor and in the
turbine will increase, if Ny = const and "’f‘ = const. Since the
total quantity of external heat input is reduced in the process,
the relative portion of heat consumed fur these losses will in-
crease especially sharply which, of course, must contribute to a
reduction of velocity Cq and to a corresponding reduction of speci-
fic thrust.
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Figure 1073 Dependence of the specific thruet of
& turbojet engine on the compression ratio of the
co@preesor at an altitude of 11 km.

To the degree that the compressor compression ratio increases
the increase in thermal efficiency becomes continuously less in-
tensive and compensates to a continuously leswser degree for the
negative effect of the reduction in the quantity of heat input
and the increase in the relative quantity of heat expended to make
up the losses in the compressor and in the turbine.

In the long run, vhen the compressor compression ratio exceeds
& certain valus for the given conditions, the reduction in the
quantity of heat added to the gas and the increase of losses in
the compressor and in the turbine begin to play a determinative
role. This leads to a reduction in the quantitv of heat that is
convertible into kinetic energy of the flow at the engine outlet,
and as a result the specific thrust is reduced.

The optimum value for the atir compression ratio in the compres-
sor, ": opt* whore the apecific thrust of a turbojet engine has 1ts
maximum, depends on the parametsrs of the operating process of the
engine as well as on flight conditions.

Calculations show that the optimum compression ratio "‘" opt
for obtaining maximum specific thrust increases with increasing
gas temperature ‘I‘: in front of the turbine, compressor efficiency
"k' and turbine efficiency “1., and with decreasing coefficient
7c.c ory, in other wvords, with increasing loss of total pressure
in the combustion chambers. Under otherwise unchanged conditions
the optimum compression rattio "." apt
airepeed at a given altitude (for T, » const), since in that case

decreases with tncreasing

the velocity head compres~ion ratio N\.r.h and stagnation temperature
1‘"{ at the engite inlet are increased.

As we know, the velocity head compreasion ratio "\.r.h increnses
with increasing altitude (unh decreasing ambiont air temperature
TN) At a given airspeed, hut it Influence is felt to a lesser
degree than the reduction of ambient air temperature TN' There-
fore, under otherwise unchanged ronditions the compression ratio

.0( opt increasea with tn reasing altitude (or with decreasing 'l‘").
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These types of dependence for Wﬁ opt ar¢ wviplained as follows.
The greater the gas temperature T: in front ¢’ the turbine, or the
lowsr the ambient temperature TH (and, consequently, the lower the
tomperature Tﬁ at the compressor outlet), the greater will be the
heat added to the gas in the combustion chamber and, consequently,
the later (at greater compression ratios in the compressor) the
negative effect of the increasing losses in compressor and turbine
on Psp will be felt, and ﬂﬁ opt will be increased. However, this
will also cause an increase of the optimum compression ratio with
increasing altitude and decreasing airspeed or, in other words,
with decreasing Tﬁ whare T: = const.

If compressor and turbine efficiency are incremsed, the relative
magnitude of the losses in these slements will decrease, so that
the effect of losses on specific thrust becomes appreciable only
at very great compression ratios. In that case, this will also
lead to an increase in ﬂi opt’

Under otherwise equal conditions the gaa expansion ratio in
the jet nozzle of the engine is reduced with decreasing coefficient
of pressure loss in the combustion chamber, Gc.c. which leads to
an increase in the temperature ‘l‘. of the exhaust gases and, conse~
quently, also to an increase in the quantity of heat carried off
by these gases. But since an increase of"; reduces the heat
carried off by the exhaust gases, the smaller the coefficient Uc
the greater will be the values of "ﬁ up to which the predominant
sffect of the reduction in the heat removed with the exhaust gases
is maintained. As a result the compression r.tio"ﬁ opt is in-

.c!

creased with decreasing % .c®
At high supersonic airspeed the optimum compression ratio of

the compressor can even be one. Thus, for instance, if 1‘; - 1200°K,

nkq} = 0.70, Tee ® 0.95, and if the turbojet engine has a super-

sonic diffuser with Ud = 0.75, a value ot": opt = 1 is obtained

for an airspeed of V = 2,650 km/h at altitudes of H > 11 km (at

a Mach number H“ - z.s). This means that under these conditions

the air compression that is due to the effect of the velocity head

is sufficiently great, and that the subsequent air compression in

the compressor (nﬁ > 1) does not cover the losses of energy in-

herent in the compressor and the turbine that drives it. Conse-

quently, using a turbojet engine at high supersonic airspeeds can

prove to be unfavorable from the point of achieving the required

specific thrust, and in that case the transition to a compressor-

less engine or ram jet engine must be made. As an exmaple, figure

108 shows the dependence of the optimum compression ratiom t opt

on the airspeed at altitudes of Hw O and H = 11 km, for ‘l‘: » |200°K,

"kn" = 0.70, and oc.c = 0.95.
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Figure 108t Dependence of the uptimum T ¢ on

the airspeed, for a turbojet engine at max$Rim ng'

The nature of the effect of the gas temperature T: in front
of the turbine on the specific thrust of a turbojet engine is
seen directly from the preceding formulas according to which the
specific thrust increases continuously with increasing temperature
T;. The dependencies of Pa on T: for two values of 7 l: and for

1

o = 0.95, mJ.n = 0.97, n{ = 0.90, T)k = 0,85 'at different air-

c.c
speeds (flight Mach numbers) and altitudes are shown in figure 109.

———
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Figure 109: Dependence of the specific thrust of a

turbojet engine on the temperatures in front of the

turbine.

It is seen that increasing the temperature in front of the
turbine is a very effective means of increasing the specific
thrust, and that its effectiveness will increase with increasing
compression ratio in the compressor and increasing airspeed.

If the gas temperature in front of the turbine is too low
it can turn out that the heat added to the gas in the combustion
chambers is only sufficient to cover the thermal, hydraulical,
and mechanical losses in the engine. In that case the gas flow
is not accelerated in the engine, and the thrust becomes equal
to zero.

M Unless they are specified,the same values for these
magnitudes are also used in the subsequent exmaples to which
the graphs in the figures of the present chapter refer.
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The dependence of specific thrust on the product of compres-
sor efficiency and turbine efficiency, nknf, tor'vﬁ = 6 and T: -

1200° K and for different airspeeds and altitudes is shown in

figure 110. It is seen that the efficiencies of compressor and

turbine have a significant effect on the magnitude of

specific
thrust.

4747 45 46 47 gimq)

Figure 11031 Dependence of the specific thrust of
a turbojet engine on compressor efficiency and
turbine efficiency.

The effect of the loss in total pressure in the combustion
chambers (coefficient o c) on specific thrust is shown in figure
111, where it is seen that a variation of this loss within the

limits from 8 to 10 € has a relatively low effect on the magnitude
of specific thrust,
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Figure 111: Dependence of the specific thrust of a
turbojet engine on resistance in the combustion chambers.

As far as the dependence of specific thrust on the losses in
the engine exhaust system (on the coefficient ¢ n) is concerned,
this dependence is obvious from the preceding formulas and re-
quires no special explanations.

It ahould merely be noted that
the effect of wJ n

increases strongly with increasing airspeed.
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2, n of ojet

It was shown earlier that the thermal economy of a turbojet
engine is determined by the product of effective engine efficiency
fl. and propulsive efficiency n_. At a given airspeed V snd calo-
rific capacity Hu of the fuel, the economy is described directly

by the specific fuel consumption,
Suony
Gop— Ti/;:‘?,? '

Let us examine the effect of the basic parameters of the
operating process of the engine on these efficiencies snd on
specific fuel consumption.

The following formula was obtained sarlier for the effective
efficiencys i

(c2—V2),

e = iy

If we now detemine the ratio alo/ﬂu according to formula (6.2)
according to which

Jl STV -
Hy e (=1’

we can write as follows for Nt
_leed(a- )

Te e, (Ta- 1)

It is seen from this formula that the effective efficiency
of a turbojet engine depends on the same parameters of the operat-
ing procesa as the specific thrust (n. as well as P!P are functions
of the velocity c.) and, in addition, on the heat release coefficient
4 c.c O in other words, on the heat losses during combustion.

At the same time, if the turbine efficiency 'Lf and the compres-
sor efficiency N &8 well as the coefficient Pe.c are increased,
the effactive efficiency will increase at a faster rate than the
specific thrust, since the magnitude of e is determined, under
otherwise equal conditions, by the kinetic energy of the gas at
the engine outlet, cf/Zg, while only the gas exhauast velocity €
at the engine outlet enters into the expression for specific
thrust,

The effect of the compressor compression r-tioﬂﬁ on the
effective efficiency n. for different temperatures T; in front
of the turbine and different flight Mach numbers HH is illustrated
by the curves shown in figure 1i2. Analysis of these curves shows
that if the compression ratio in the compressor is increased, the
effective efficiency, unlike the thermal efficiency ﬂt (see
Chapter 3), increases only until a certain value forn ﬁ is reached
and subsequently begins to decline. This type of dependence of
na on "ﬁ is explained by the same causes as the dependence of
specific thrust on Wﬁl in other words, simultaneously with the
increase 1nﬂf( for T: = const there is an increase in thermal
efficiency, a reduction in the quantity of heat added to the cycle,
and an increase in the absolute magnitude of the losses in compres-
sor and turbine.
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Figure 112: Dependence of the effective efficiency of
a turbojet engine on the compression ratio in the
compressor,

If we compare the graphs shown in figures 112, 106, and 107
we can note that, under otherwise equal conditions, the maximum
of effective efficiency is reached at a greater compressor compres-
sion ratio than the maximum of specific thrust, This is due to
the fact that the magnitude of effective efficiency is determined
by the ratio between the increase in the kinetic energy acquired
by the gas flow in the engine and the expended heat, while the
magnitude of specific thrust depends only on the increase of gas
velocity in the engine. If the compression ratio is increased
with T: = const, the heat added to the gas in the combustion chambers
is continuously reduced, and consequently, it is obvious that the
maximum of Ng ¥ets in at greater values of ﬂﬁ than the maximum
of cs/zg, Co?

The effect of the temperature T; in front of the turbine
on the effective efficiency e for different flight Mach numbers
MH is shown in figure 113, It is seen that the effective efficiency
increases continuously with increasing T;. Physically this is
explained by the fact that if T: is increased with Tﬁ = const,
nk = const, and n% = const, the absolute magnitude of heat losses

or P__,
s

in the engine increases at a slower rate than the quantity of heat
input, since in this case the losses in compressor and turbine
remain unchanged due to vﬁ = const. Consequently, under these
conditions the relative magnitude of the heat lost in the engine
is reduced with increasing T;, and the effective efficiency "e
increases accordingly.

Figure 113t Dependence of the effective efficiency
of a turbojet engine on the temperature in front of
the turbine.
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The dependence of the propulsive efficiency np on the basic
parameters of the operating process can be examined in a general
form with the aid of the already known formula

No = .
1o b

Let us express the exhaust velocity from the jet nozzle in this
formula by the specific thrust, so that
. =;,7P5p+ V.
Consequently, the propulsive sfficiency is expressed by the
following formulas

This expression implies that an increase of specific thrust
at a given airspeed (due to an increase in T:, "ﬁ, nk, 'n*. and
others) leads to a reduction of propulsive efficiency (as a result
of the increase in velocity Ce at V = const) and, conversely, a
decrease of specific thrust (duo to the increase of Tfl"" above "f‘ opt
or the reduction of ’1‘: and otheru) leads to an increase of pro-
pulsive officiency.

Characteristic dependencies of propulesive efficiency ﬂp on
n{t and T¥ for a given airspeed (MH = 2) and otherwise unchanged
conditions are shown in figures 114 and 115 where the corresponding
curves for effective efficiency e and economic efficiency n.con-
n.ﬂp are also plotted (dotted curves) for comparison purposes.
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Figure 114: Dependence of the Figure 115t Dependence of the
efficiencies ., n , and n efficiencies n., N, and 0
of a turbojet $ngiRe on th$°°P of a turbojet 3ngile on thdc°"
compression ratio in the compres- temperature in front of the
sor., turbine.

Let us now establish a direct connection between the specific
fuel consumption and the basic parameters of the engine operating
process. For this purpose we use the already known formula for
the specific fuel consumption which is

3500

Gp= e’
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Expreasing Gl  according to formula (6.2) by the temperature
difference ‘l‘; - Tﬁ. we obtain

Thus, in addition to the same parameters of the operating
process on which the specific thrust depends, the specific fuel
consumption also depends on the calorific capacity H“ of the fuel
and on the heat release coefficient in the combustion chambers,

4 + increasing with decreasing H, as well as decreasing £

.
C.C c.C

If the turbine efficiency ﬂ.} and the coefficients wJ n and

Uc.c are increased, the specific fuel consumption will decrease
at the same rate as the specific thrust increases during this
process. However, if the compressor efficiency e is increased,
the specific fuel consumption is reduced to a lesser degree than
it is for the same increase of turbine efficiency. This is ex-
plained by the same causes that were shown when we considered
the depsndence of effective engine efficiency n. on 'nk and 'ﬂ*-
As an example, figure 116 shows the dependence of specific
fuel consumption on the compressor efficiency "k and turbine ef-
ficiency n,'l'\ for “’l‘: = 6 and ’l‘: = |200°K| MH = O and MH s 2, The
solid curves in this figure represent the dependence of Csp on
n.’ at a constant compressor efficiency M ® 0.8% = const, while
the dotted curves correspond to the dependence of C'p on nk for
'\,F = 0.90 = const. Comparable dependenciss for C.p are obtained

for different values of ﬂk. T;, and HH‘

1
N2 085= gonst
Ny =48 = epist

Figure 116t Dependence of the specific fuel consumption

of a turbojet engine on compressor and turbine efficiencies,
The dependence of specific fuel consumption on the compres-
H = 0 and MH = 2 and different gas
temperatures in front of the turbine is shown in figure 117,

sor campression ratio for M

Examination of these dependencies permits the following conclusions:
an increase in compressor compression ratio can reduce the
specific fuel consumption significantlyj;
the specific fuel consumption decreases with increasing
compressor compression ratio only up to the known limit where it
reaches a minimum, and subsequently begins to increase with a
further increase of ﬂﬁ;
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the greater the gas temperature in front of the turbine, T:,
the greater will be the optimum compressor compression rntio"ﬁ opt
where the minimum of specific fuel consumption is reached}

for identical values of T; and under otherwise equal condi-
tions the compressor compression ratio at which a minimum of fusl
consumption is obtained will be significantly greater than the
compression ratio that corresponds to the maximum of specific
thrust, as well as to the maximum of effective efficiency.

Figure 117: Dependence of the specific fuel
consumption of a turbojet engine on the
compression ratio.

The nature of these dependencies of the specific fuel con-
sumption C’p on the compressor compression ratio that remain valid
even under flight conditions where MH > 0, is explained as follows.

If the compression ratio ﬂl'é is increased at V = const, the
effective efficiency Ny increases initially (see figure 112), and
the propulsive efficiency ﬂp, as we showed above (aae figure 1116),
is reduced, but to a lesser degree than the increase of ne. There-

fore, the economic efficiency 7 - nenp increases, and the speci-

fic fuel consumption decreases :z::rdingly. A further increase in
the compressor compression ratio is accompanied by an insignificant
change and subsequently even by a reduction of effective efficiency,
and by a comparatively small increase in propulsive efficiency.

Consequently, the product n = ne‘n is reduced, causing an in=-

crease in specific fuel con:z;:tion. Obviously, the minimum speci-
fic fuel consumption is obtained at a compressor compression ratio
corresponding to the maximum value of economic efficiency necon'
Since the minimum propulsive efficiency {(or the maximum specific
thrust) sets in at lower compreasion ratios than the maximum of
effective efficiency, the maximum value of the product necon = nenp
will shift toward even greater values o!‘"l’:.

Calculations show that the compressor compression ratio which
ensures a minimum of specific fuel consumption decreases with ine-
creasing airspeed and decreasing altitude. This is explained by

the rame reasons as the increase in the value ofﬂl‘: opt at which
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a maximum of specific thrust is obtained, with increasing airspeed.

Figure 118 shows the dependence, on the airspeed, of the optimum
compressor compression ratios at which a minimum of specific fuel
consumption is obtained, at the altitudes Hae O and H = 11 km and
for T% = 1200°K.
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Figure 118; Dependence of the optimum ﬂf" t required

for the minimum C‘p of a turbojet engine, 8R%the airspeed.

At high supersonic airspeeds the compressor compression ratio
is unable to "compensate" for the losses in compressor and turbine,
as we mentioned earlier, so that using a compressor with the given
parameters cannot increase the economy of a turbojet engine in
comparison to a ram-jet engine, and in that case ﬂﬁ opt = 1. The
airspeed at which the 'Tﬁ opt corresponding to the minimum .of c.p
becomes equal to one, is usually somewhat greater than the airspesd
at which the value of "ﬁ opt = | is obtained that corresponds to
the maximum of P.p.

Depending on the purpose of a turbojet engine the most ade
vantageous magnitude for the compression ratio "ﬁ is established
on the basis of comparative calculations, taking into consideration
the effect ofnﬁ not only on the specific fuel consumption but also
on specific thrust, compressor efficiency and characteristics,
engine weight and dimensions, and the weight of the aircraft power
plant as a whole, including the required fuel supply.

Let us now consider the effect of the gas temperature in front
of the turbine on the magnitude of specific fuel consumption. It
turns out that, to the degree of gas temperature increase in front
of the turbine and under otherwiase equal conditions, the specific
fuel consumption decreases initially and, after reaching a minimum
for s certain value of ‘l‘; opt® begins to increase again. This is
seen well in figure 119 showing the dependence of specific fuel
consumption C' on 'l‘; for two different values of compressor com=
pression ratio.
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Figure 119: Dependence of the specific fuel consumption

of a turbojet engine on the temperature in front of the

turbine.

This type of dependence of the specific fluel consumption cap
on the temperature T; is explained by the different change in ef-
fective efficiency ne and propulsive efficiency np when there is
a change in temperature. As we showed above, the first of these
efficiencies increasmes continuously with increasing T; at V = const,
while the second decreases continuously. Initially, the effect of
the increase of effective efficiency ne predominates so that the
product nocon = ﬂenp is increased and the specific fuel consumption
reduced. Subsequently, as the temperature continues to increase,
the reduction in propulsive efficiency np begins to predominate,
the product nacon
fective efficiency is slowed down, and the specific fuel consump-

- nanp is decreased because the increase in ef-

tion begins to increase after reaching a minimum at a value of
T; opt corresponding to a maximum of that product.

Calculations show that the optimum temperature T; opt in
front of the turbine with respect to a minimum of specific fuel
consumption will increase with increasing compressor compression
ratio and increasing losses in the engine or, in other words, with
decreasing compressor and turbine efficiency and decreasing co-
efficient ac.c. Moreover, it turns out that, under otherwise un-
changed conditions, the temperature T; opt increases with increas-
ing airspeed and decreases with increasing altitude, which is seen
well in figure 120 showing the dependence of the temperature T:
on the airspeed for two altitudes (0 and 11 km) and for two dif-

ferent values of ﬂﬂ.

opt
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Figure 120: Dependence of the optimum temperature
in front of the turbine of a turbojet engine, on
airspeed and altitude.
In conclusion let us note that the losses of total pressure
in the combustion chambers have the same effect on specific fuel
consumption that they have on specific thrust.
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CHAPTER 10

EQUILIBRIUM REGINES OF TURBOJRT ENGINES

1. an.iznmmm

An engine installed in an aircraft aust operate under different
regimes. A regime of engine operation ig defined as a certain set
of internal and external conditions under which 1t operates. The
internal conditions are characterized by the given TP® of the engine
rotor and the gas temperature in front of the turbine. The external
conditions include the airspeed and altitude, and the temperature
and pressure of the atmospheric air,

sumption, and to loads and temperatures of engine parts. Any change
in the regime of o turbojet engine has the end resuvlt of a change in
thrust and specific fuel consumption as well as in the stresses and
temperastures in engine parts.

The regiwe of a turbojet engine that is required under given ex-
ternal conditions is established by adjusting the fuel input into

taneous adjuatment of the magnitude of the flow areas of individual
engine slements (for instance, the jet noszsile ares, and others).

All the parameters of the operating process of a completed
turbojet engine are closely interrelated, as ve shall show later.
Therefore, in order to deterwine the changes 1n thruet and specifi.
fuel consumption of 5 completed turdbojet ongine that are associated
with a change in ite regime or, in other words, in its operating con-
ditions, 1t {g first fscessary to establisgh hot only the direct
effect of these conditions on the corresponuing Parameters of the
engine operating process, but definitely also the interaction between
these parameters.

turbojet engine it is also Recessary to know the special features
of its operation under all Practically poseible regimes.
In thie chapter we shall consider the interection and change

regimes.

The 2aullibrivm or stesdv-state regime of & turboje engine

is defined as o regime where the Tpm of the engine rotor and all the
Parameters of the operating process are constant over time.
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drive its compressor and auxiliary assemblies at the given rpm.
This basic condition for equilibrium regimes also corresponds, as
we showed earlier, to an equality of turbine work and compressor
work, or Lp = Li (if all the air from the compressor enters the
combustion chambers located in front of the turbtno).

The special features of turbojet engine operation under equi-
lLibrium regimes for different operating conditions can be clarified
Wit the aid of the compressor characteristics with superimposed
lines of the constant values for the ratios between the tomperature
T: in front of the turbine and the temperature Tﬁ at the compressor
inlet, or the so-called T;/Tﬁ = const lines. These lines are plotted
on the basis of a certain relationship between the weight flowrates
of air through the compressor and the turbine nozzle assembly (for
instance, under the assumption that all the air from the compressor
enters the combustion chambers). Under critical and supercritical
pressuredrops in the turbine nozzle assembly, which is the most fre-
quant condition in turbojet engines, the T:/Tﬁ = const lines are
obtained in the form of straight lines and are located on the com-
pressor characteristics as shown in figure 121. In this case, the
smaller the temperature ratio T:/Tﬁ, the greater will be the distance
ot these lines from the surge limit (to the right and downward).

Figure 1213 Possible equilibrium regimes of a
turbojet engine.

Physically, each T;/Tﬁ = const line under constant conditions
at the compressor inlet (Tﬁ s const and p; = const) represents the
dependence of the air flowrate through the compressor of the turbo-
Jet engine on the compressor compression ratio nﬁ at constant gas
temperature in front of the turbine (corresponding to this line) or,
in other words, at T; = const,

The intersection points between the T;/Tﬁ = const lines and
the lines of constant values for the rpm parameter n/Vr;h, for
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instance the points a, b, and ¢, etc. in figure 121, represent those combina-
tions of the gms temperature '1‘; in front of the turbine and the rpm of the
turbojet engine where the given relationship of the weight flowrates of air
through compressor and turbine is observed.

In order for each of these combinations of rpm and temperature T; to be
also an equilibrium regime of turbojet engine operation, there must be, in
addition, a certain relationship between effective turbine work and effective
compressor work, or they sust be equal, L‘!‘ = LK' if all the air from the com-
pressor enters the combustion chambers in front of the turbine.

We know that the effective turbine work l‘l‘ depends (see Chapter 7) on
the gas temperature 'r; in front of the turbime, on the gas expansion ratio
¢p p; / P, in the turbine, and on turbine efficiency TIT. so that

’ B & -1
L= r;l“('ﬁ') . (10.1)

The gas expansion ratio im the turbine of a turbojet engine in turn de-
pends on the relationship between the minimum flow areas of the turbine nozzle
assembly, !‘n. and of the jet nostle, F., and also on the losses in these
¢lements. This dependence is obtained on the basis of the continuity conditien,
in other words, on the equality of the weight flowrates of combustion products
through the turbine of a turbojet engine and its Jet noszle. Under critical
and supercritical pressure drops in the Jjet nozzle of a turbojet engine and
in the noszle assembly of its turbine the following relationship is obtained
from the corresponding flow squation:

(o )*—— ~( waun Y
\r

P

vhere m m 1.13 (for k' = 1.32, which is charmcteristic for the turbine of a
turbojet engine).

The significance of this relationship consists of the following. If the
area F. of the jet noszzle and @ .n e increased under otherwise unchanged
conditions, the resistance to the departure of the gas from the turbine and the
corresponding counterpressure Py behind the turbine will be reduced, which for
a given p; leads to an increase in the gas expansion ratio $p = p; / P, in the
turbine. Decreasing 1‘. and ¢ .0 vill iacrease the resistance to the turbine
exhaust 80 that the pressure Py behind the turbine will increase at p: = const.
and the egpansion ratio 'T will decrease.

Increasing the ares I‘" of the nozzle assembly and L leads to a reduction
in its resistamce so that the pressure drop required to provide the given ;s
flowrate through the turbine is reduced, ceusing an incrsase in the pressure
P, at p; = conat., and = p; / P, vill be reduced. Accordingly, if 'NA
and Py ore reduced, and under othervise equal conditions, LI p; /P will
be increased.
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Now we can write for the effective work of the turbine of a

turbojet engine
"!-.
AR I e SV LR (10.2)

Thus, the effective work of a turbine in a turbojet engine
system can change not only due to the gas temperature in front of
the turbine but also due to a change in the areas of Jet nozzle and
turbine nozzle assembly causing a change in the gas expansion ratio
in the turbine.

Also, this makes it possible to accomplish different equili=-
brium regimes of a turbojet engine, corresponding to given points
on its compressor charactsristics, for instance to points a, b,
¢, and others in figure 121,

The compressor characteristics with superimposed T;/Tﬁ = const
lines in conjunction with expression (10.2) make it possible to
establish the special features of turbojet engine operation under
equilibrium regimes for different engine operating conditions.

2. Special Features of Equilibrium Regimes of a Turbojet Engine
under Independent Changes in rpm and Temperature in Front of

the Turbine

First, let us consider the greater part of the cases encountered

where all the air from the compressor enters the combustion chambers
in front of the turbine, assuming that external conditions remain
constant.

Let us assume that it is necessary to change the gas temperature
in front of the turbine of a turbojet engine, keeping the rotor rpm
constant, or in other words, that it is necessary to obtain the
equilibrium regime of the turbojet engine to which the points core
respond that are located on the same n/Vrfﬁ = const line (points
a, b, ¢ in figure 121).

If we increase the gas temperature in front of the turbine
of the turbojet engine (by means of increasing the fuel 1nput) the
turbine work LT will increase, the equality LT - Lk will be disturbed,
so that L,r > Lk' and the engine rpm will increase. In order to
maintain the previous rpm the increass in turbine work LT that is
associated with the increase in temperature in front of the turbine
must be prevented, which according to formula (10.1) can be ac-
complished only be means of reducing the gas expansion ratio € in
the turbine. For this purpose it is necessary, as seen from formula
(10.2), either to reduce the (minimum) outlet cross-section arsa
F. of the jet nozzle, or to increase the minimum cross-section
arew FNA of the turbine nozzle assembly.

However, although the raduction of jet nozzle area Fa and
the increase of turbine nozzle assembly area FNA have the same ef-
fect on Epr the parameters of the operating process of the turbo=-
Jet engine change differently during this process.
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In the first case (reduction of the jet nozzle area Fe at a
constant turbine nozzle assembly area FNA)’ the weight flowrate
of gas through the turbine nozzle assembly is reduced as a result
of the reduction in the density of combustion products due to their
increased temperature T; in front of the turbine, since FNA = const,
Correspondingly, in accordance with the flow continuity condition,
the weight flowrate of air through the compressor is reduced, too.
However, in this case the rpm remains constant, as we mentioned
above. Therefore, the operating point on the compressor charac-
teristics, for instance point a in figure 121, that determines the
equilibrium regime of the turbojet engine, shifts along the n/Vﬁi -
= const line in the direction of lower air flowrates, approaching
the surge limit or, in other words, approaching point ¢ and so on,
which is accompanied, as seen from figure 121, by an increase in
the compresaion ratio "ﬁ.

In the second case (1ncreasing the turbine nozzle assembly
area FNA for F. = const), calculations show that in order to maine
tain a constant rpm so that LT - LR when the gas temperature in front
of the turbine increases, it is necessary to increase the area FNA
always at a greater rate than the density of the combustion products
is decreased during this process. Therefore, their flowrate through
the turbine nozzle assembly and, accordingly, the air flowrate
through the compressor are increased. As a result, in this case
the initial operating point shifts along the n/\f?h = const line
in the direction of greater air flowrates, moving away from the
surge limit (for instance, point a in figure 121 shifts to point
b and lower), which is accompanied by a reduction in the compressor
compression ratio ”ﬁ.

Reducing the temperature in front of the turbine of a turbojet
engine at constant rotor rpm requires, obviously, a corresponding
increase in the jet nozzle area r‘ or a reduction in the area FNA
of the turbine nozzle assembly. Here, the changes in the regimes
of the turbojet engine will take place in directions opposite to
those described above. 1In particular, the reduction in temperature
in front of the turbine at n = const that is associated with an
increase in P. at FNA = ctonst, will be accompanied by a shift of
the compressor operating point away from the surge limit or, in
other words, by an increass in the air flowrate through the come
pressor and a decrease in nﬁ. while a reduction in temperature
associated with a decrease in FNA at r. ® const will be accompanied
by a shift of this point toward the surge limit or, in other words,
by a reduction in the air flowrate through the compressor and an
increass in "ﬁ.

By changing both areas r. and rNA simultaneocusly when there
is @ change in the temperature in front of the turbine it ie pos-
sible to maintatn not only the rpm of a turbojet engine but also
the location of the operating point on the compressor characteristic.
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In order to change the rpm of a turbojet engine at constant
gas temperature in front of the turbine, or in other words, to ob-
tain equilibrium regimes corresponding to the operating points lo-
cated on T:/Tﬁ = const lines in the field of compressor character-
istics (for instance, on the line a, ! in figure 121).‘it is neces-
sary again to change the area F. or FNA’ Actually, in order to
reduce the rpm of a turbojet engine (in order to shift ite regime
from point a to, for instance, point 1 in figure 121), the turbine
work LT must be reduced since the compressor work is reduced with
decreasing compressor rpm. But in this case it was stipulated that
T: = const. Therefore, the turbine work can be reduced only by
means of increasing the gas expansion ratio L2 in the turbine,
which requires either a reduction of area F. or an increase of

area F Howaver, in the second case (FNA is increased at T: -

- cons:? the air flowrate as a result of the increase of FNA is
reduced to a lesser degree, so that the compressor operating point
does not shift along the line a,1, as in the first case, but along
the line a, 1';y 1in other words, it moves away from the surge limit
(here. the same temperaturs T: is obtained in point 1! and in point
1, due to the displacement of the T:/Tn = const line when rNA is
changed) .

In order to increase the rpm of a turbojet engine at ™ =
= const it is necessary to increase the area F. or to roduc; the

area FNA accordingly. But when F is reduced at constant T; the

air flowrate will increase at a .?:Hor rate, and the compressor

operating point will shift further (mlong the line a, 2' instead
of a, 2) toward the surge limit than they would for an increase

in F. and T: = conat at the same increase in engine rpm.

Through the proper selection of the jet nozzle area r.,
turbine nozzle assembly area FNA' and fuel input into the combustion
chambers, it is also possible to accomplish any other equilibrium
regimes for a given turbojet engine or, in other words, regimes
that differ from each other by their rpm, temperaturs in front
of the turbine, and other parameters at the same time, for instance,
regimes corresponding to the points on lines a, 3 and a,3' (see
figure 121), and so on.

Thus, by simultaneously changing the jet noszle area or the
turbine nozzle assembly area and the fuel input into the combustion
chambers it is poesible to change, independently of each other,
the rpmal a turbojet engine, the gas temperature in front of its
turbine, and a number of other engine parameters (for instance,

" g G4 and others).

On a completed engine the (minimum) outlet cross-section
area of the jet nozzle can be changed relatively eimply in the
required direction, Therefore, changing the area F. is a procedure
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used in practical ‘application for both, controlling a turbojet
engine in operation by using variable area jet nozzles, and for
the required adjustment of turbojet engine parameters during final
experimental development by also using simple interchangeable jert
nozzles of different diameters.

Adjusting the area FNA of the turbine nozzle assembly of
completed turbojet engines (for instance, by pivoting the nozzle
blades) is not used today, since this involves a significant compli-
cation of the design of the greater "hot" part of the turbine and
can sometimes cause an appreciable reduction in turbine efficiency,
If it becomes necessary to change the area FNA during final experi~
mental development of a turbojet engine, this is accomplished by
replacing the turbine nozzle assembly,

The acceptable equilibrium regimes for a given turbojet
engine during operation in the aircraft are limited by the followe
ing:

the maxima of rpm Nax and temperature T; max in front of the
turbine, considering the strength and heat resistance of engine
partsg

the minima of rpm n and temperature T; in front of the

turbine required to enauz:nstable combustion chziger operation,
the required turbine power, and a sufficiently high compressor ef-
ficiency;

the surge region of the compressor.

Under practical circumstances, not nearly all the equilibrium
regimes are employed that are acceptable for a given turbojet engine,
and only those are used that the control system installed in the
engine permits under operating conditions in the aircraft. These
regimes are called the operating equilibrium regimes of an engine.

The geometrical location of the points corresponding to the
operating equilibrium regimes of a turbojet engine in the field of
compressor characteristics is called line of operati regimes or
opersting line of a turbojet engine.

The operating line of a turbojet engine must never pass beyond
the area of acceptable regimes and must be located at a sufficient
distance from the compressor surge limit.

The shape and location of the operating line of a turbojet
engine are detsrmined primarily by the control system selected
for the engine and by the nature of its compressor characteristics.

3. Eguilibrium Regimes of a Turbojet Engine with Fixed Area Jet
Nogzle
Very frequently the rpm of turbojet engines is changed or
maintained constant when there is a change in, for instance, ex-
ternal conditions, merely by controlling the fuel supply to the
combustion chambers, without changing the area of the jet nozzle.
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Therefore, we must also examine the special features of the operat-
ing lines of turbojet engines with fixed area jet nozzle or, in
other words, for !‘. = const and also for FNA = const, considering
the statements made above,

Let us consider the case where there is a critical or super-
critical pressure drop in the turbine nozzle assembly and in the
Jet nozzle at the same time, which is characteristic for the greatest
part of all regimes of modern turbojet engines.

6ince, by stipulation, !‘. = const and FNA a const, and assum-
ing for simplicity that n‘l" wJ.n' and ONA are constant, too (thil
is close to reality), we obtain the following expression for equi-
librium regimes from formula (10.2):

i.— = £§~-—-consl.
T e (10.3)

Substituting in this expression the value for the offective
work of the compiressor, which equals

we obtain

v W (10.4)

where C is a constant magnitude.

Equation (10.4) contains only the compressor parameters and
the temperature ratio ‘l‘:/’l‘ﬁ as variables. The constant C entering
its left side is determined in accordance with data corresponding
to the design point selected for the compressor characteristics.
This means that in the case under consideration (!‘. = const) the
opsrating line of the given turbojet engine is represented in the
field of ite compressor characteristics by only one curve 0,0 (lolid
1line in figure 122) whose shape and location remain constant under
any changes of rpm, atmospheric conditions, airspesd, and altitude.

Figure 1221 Operating line of a turbojet engine with
r. = const.
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A change of the jet nozzle area F. leads to a corresponding
shift of the operating line of the turbojet engine in question.

If the area F. is increased, the equilibrium regimes of the turbo-
Jet engine and, consequently, its entire operating line, shift into
the area of lower temperatures T: and greater air flowrates, moving
away from the compressor surge limit. If the area FQ is reduced,
the operating line of the turbojet engine shifts, accordingly, into
the area of higher temperatures T:, moving toward the compressor
surge limit.

By and large, the slops of the operating line of a turbojet
engine with P. = const in the field of compressor characteristics
will become steeper with increasing designed compression ratio rrf‘ des
of the compressor. In other words, for the same relative change
in nﬁ the resulting change in the flowrate parameter will increase
with increasingm ﬁ des’

Typical cases for the location of the operating lines of
turbojet engines with F. = const in the field of their compressor
characteristics, without special anti-surge measures, are shown in
figures 12) and 124, where the points a denote equilibrium regimas
corresponding to the designed compressor compression ratios.
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Figure 12): Operating lines of
turbojet engines with axial-flow
compressors, for r. = const.

If the designed compressor compression ratio of a turbojet
engine is relatively small ("; des ™ 35 to 4.5), the operating
l1ine of the turbojet engine (see figure 124) will move away from
the surge limit when the rpm is reduced in comparison to its de-
signed values, so that stable engine opsration without surging is
usually ensured in this area of regimes. If the rpm parameter is
increased beyond the designed value, the operating characteristic
will move closer to the surge limit, which in a number of cases can
load to the development of surging.
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Figure 124t Operating line of a turbojet engine
with radial-flow compressor, for Fe a const.

Experience shows that the compresso. surge limit becomes con=-
tinuously more critical with increasing designed compressor compres-<
sion ratio. In that case the slope of the operating line of a
turbojet engine with !‘e a const becomes steeper, as we ment ioned
above. Therefore, the operating line of a turbojet engine with
Fe a const and a significant designed cumpression ratio (ﬂﬁ des 2
2 6 to 8) moves close to the surge 1imit (see figure 123 a) or
even intersects it (see figure 123 b) in the area of rpm paramaters
below designed values. In the first case the transition of the
engine from low rpm values to the designed regime can become dif-
ficult or impossible (see below). In the second case it is obvious
that, as a result of surging, it is not only impossible to operate
the engine at reduced values of the rpm parameter but even to start
it.

Conssquently, dangerous regimes from the point of compressor
surging can be those regimes of a turbojet engine with Fe = const
where the rpm parameter is either greater or smaller than its de-
signed value. The first is characteristic for turbojet engines
with radial-flow compressors or axial-flow compressors with rela-
tively low compressor head, while the second is characteristic for
turbojet engines with axial-flow compressors with high compressor
head.

Compressor surging of a turbojet engine with l‘. s const under
of f-design regimes with respect to ite operating line develops for
the fdllowing reasons.

If the rpm 1is reduced in comparison to designed values at
Tﬁ = const (1n other words, where “'ﬁ < "n d..). the air flowrate
and its corresponding axial air velocity €a at the compressor in-
let of a turbojet engine with r. a const and with a high designed
compression ratio, is decrsased at an appreciably faster reste than
the circumferential rotor velocity (see figure 123). As a result
the angles of attack of the blades in the first compressor stage
are increased and can becowe 80 great at the reduced rpm values
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that an intensive flow separation from the backs of the blades
develops, causing compressor surging.
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Figure 125: Relative change of air velocity with
rpm at the compressor inlet of a turbojet engine
with r. = conat,

The greater the designed compression ratioc of the compressor,
the greater will be the increase in the angles of attack of the
blades in its first stage with decreasing rpm of a turbojet engine
with l'. = const and, consequently, the faster will the operating
line of the engine move toward the compressor surge limit in this
case.

The same picture will be found in the last stages of an axial-
flow compressor with high compressor head. In accordance with the
flow continuity condition the weight flowrate of the air through
these stages will be reduced to the same degree as in the first
stages. DBut the air density in the last stages decreases due to
the reduction in compressor compression ratio, and as s result the
axial air velocity in these stages decreases at a slower rate than
the circumferential velocity of the rotor.

As a result the angles of attack of the blades in the last
compressor stages of a turbojet engine with r. = const ars reduced
at decreased rpm, and can become negative. However, if the blades
have large negative angles of attack there will already be air ex-
pansion rather than compression in the interblade ducts (turbine-
type regime of the compressor stage), resulting in a reduction of
compressor head and efficiency but not causing compreesor surging.

Exactly the same changes in th- angles of attack of the blades
in the first and the last compressor stages of a turbojet engine
with P. ® const are obtained if the rpm parameter n/V‘fﬁ and, ac-
cordingly, also the compression ratio are reduced as u result of
an "ncrease in the temperature Tﬁ of the inlet air at constant rpm
n. In that case the only difference will be that the circumfersntial
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velocity of the rotor remaina constant, and the changes in the
angles of attack for the individual stages mentioned above are
determined only by the corresponding changes in the axial velo-
cities of the air in these stages (see figure 126).

Figure 1261 Relative change of air velocity with
the rpm parameter (for n = const) at the compressor
inlet of a turbojet engine with !‘. = const.

If the rpm parameter of a turbojet sngine with l‘. a const is
increased above its designed value ( "; > ﬂl't do.)' the axial air
velocity €a at the compressor inlet will increase slightly at n =
const (see figure 126), and consequently the angles of attack of
the blades in the first compressor stages will be reduced. At the
same time, the axial air velocity in the lust stages can also de-
crease as a result of an increase in its density due to the increased
compression ratio, so that the angles of attack of the blades in
these stages are increased. Therefore, in this case flow separations
that cause surging can develop primarily in the last stages of an
axial-flow compressor (or at the diffuser vanaes of a radial-flow
compressor).

Thus, if surging develops under off-design regimes of a turbo-
Jjet engine with r. = const where the compressor compression ratio
becomes less than its designed value, the first stages will always
be the source of surging, and under off-design regimes with a
compression ratio above its designed value, it will be the lasat
stages of an aximl-flow compressor (or the diffuser vanes of a
reédial-flow compressor).

The foilowing means are used to pravert surging in modern
turbojet engines with compressors with high compressor headt

increasing the jet .ozzle area under off-design Tegimes;

bypassing pa.t of the air from a point behind one stage or
several of the first stages c¢f the compressor into the atmosphere
{or to the engine inlet);

pivoting the straightening (guiding) blades of one or seversl

of the firast compressor stages.
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Let us examine the effect of emch of these anti -: urging tech-
niques on the profile of the operating line of a turbojet ongine.

Obviously, increasing the jet nozzle areq only under those
Tegimus of a turbojet engine whers the danger of surging deve'ops,
requires the employment of a variable-area Jet nozzle.

If the control system of such a nozzle permits the elaments
that change its arer r. to be set in two positions (two-position
noszle), the operating line of the turbojet engine can have a shape
represented by the solid line ab'bc in figure 127. The section cb
of this line is obtained for a jet nozzle area l‘.' that is greater
than the designed area F. des' *° that this section shifts in the
direction of lower temperatures ‘l‘: and groater air flowrates (the
angles of attack of the blades in the first stages are reduced)
which means that it moves away from the compressor surge limit. At
the rpm parawster where the danger of surging disappears, the jet
nuzsle area is reduced {section bb' in figure 127) to ite designed

magnitude F < F.‘ and is kept constant for the remaining part

e des
of the operating line of the turbcjet engine (section b'a tn figure

127).

|ETE s
HELELY il
Wea
o L] = LA
| ._: e IiFms 2
PN % Rges A

-

Figure 127: Operating line of a turbojet engine
with a two-position variable-area Jeot nozzle.

For a three-position jet nozzle the opsrating line of the
turbojet engine can have a profile as shown in figure 128, Here
the section cb of the operating line is obtained at the maximum
nogzle area l‘.z = const; for the section b'a’' the nozzle area is
reduced to P.‘ = const, and when the maximums rpm is reached the
nozzle area is finally reduced (section a’a) to its designed
magnitude F. des that ensures the required maximum gas temperature
in front of the turbine.
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Figure 1281 Operating iine of a turbojet engine with
a three-position variable-area jet nozzle.

However, increasing the jet nozzle area alono will not always
s.cceed in preventing compressor surging of a turbojet engine.

This is due to the fact that the gas pressure behind the turbine
can be close to atmospheric pressure at reduced rpm of the turbo-
jet engine. At that time the turbine already reacts poorly (in the
sense of an increase of ¢ . and the associated reduction of f:) to
the increase in jet nozzle area, so that the operating line of the
engine moves insignificantly away from the surge limit. In these
cases it is necessary to take recourse to additional anti-surging
techniques.

Under otherwise equal conditions, bypassing part of the air
from an intermediate compressor stage into the atmosphere will re-~
sult in an increase in the air flowrate and axial air velocity in
the preceding first stages. As a result the angles of attack of
the blades in these stages will be reduced for a given rotor cir-
cumferential velocity, preventing the flow separations from the
backs of the blades that cause compressor surging. The air flow-
rate through the last compressor stages and through the turbine de~
creases, and turbine power is reduced accordingly. In order to
maintain the engine rpm constant while air is being bypassed from
the compressor, the gas temperature in front of the turbine must
be increased. This increase in T: is determined from the condition
of maintaining the equality of turbine power and compressor power
which in this case will have the following form:

Guply = Goply * (6, = G )Ly .
Designating a./oﬂ. = K, we find the turbine power from this
expression: )
r L 1
+ - (K=1)|,

where G. is the quantity of air entering the compressor;
GnT is the air flowrate through the turbine;
(G.'qu) is the quantity of air bypassed from the compressor
into the atmosphere;
Li is the work expended on the compression of 1 kg of by~
passed air.
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Yhense ve Find, in analagy with farwwie 10,4}
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{m,9)

Howovsr, Il ale Lo hypaceod Inle 1he alostgphare frun o point
behind Ihe conpreccer (holveen somprocsnr amd cwibuel ion « honhars)
I8 ordeor To slininate curging In the leet clagee of an asialFlae
toBpiecsenr of In 1he diffwecr of o radialslflow comprocenr, t" - t..,
and In ihat caes

whonr e
“ 4 {19.8)

11 follove from forwulas (10.9) and (10.6) 1hat 1he tomperature
t: in front of the turhine for which conpreseer pever equate lurbine
pover at gilven velwees of ".‘ 4 and "‘. will tncrease with i1n-
cresaing magnitvde of X o o./'u.'. This scans that wnen air 10 being
bypasacd the Lines of the glven velues of 1;/:5 ® const ehifet In the
direction of large ailr flowratee (n the filela of compresser charace
teristiice.

New 1t 1s net difficult te arrive at the conclusien that, when
sir 1o being bypessed, the eperating line of a turbojet engine with
'. ® conet shifts in the direction of lerge flowrates of air (of
the alr entering the cempressor) or, in other worde, that it moves
avey fros the surge lieit, but unlihe the preceding caese this takes
place under incressed gas tesperatures in front of the turtine.
Thie type of dieplacement of the luwer part of the opersting line
of & turbojet engine and of the ‘l‘:/‘l‘.’ e const lies when air ts
being bypassed from the compressor at less than designed rpm, s
shown in figure 129 (section cb).

Figure 1291 Operating line of a turbojet engine with
an air bypass from the compressor.
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umm.ugum- LBt Riadas 1n the Girection of reter

rotation reduces, o0 wo hiow freom CEBpreser theory, the angloe of
01 08ed of the reter Blades locatod Sohing thea for o Qlven clirewn-
forontianl velesity of iNe roter, thoe dleplecing the owrge 1ot La
the direction of e0all air Fflovretes. 1In thet sove the c.mprecston
rolile 10 roduied for o fiven rpm,

Therelfore, Liveting the *ireightoning (gwiding) vindes of i1ne
firot conprenour tlages can droploce that ares of the comprescer
tharestortotice vhore theoes otager are & sewrve of curging, te Ohe
1eft ond dowimare, OF, 18 other vorde, 1t ¢.n onifl 1he surge Liaild
avay frem the orcrating line of o turve)o’ engine with '. o conel,
0 Indicatod By e dotled Lines 1n figure 130, 14 3¢ dvieve thet,
In order to olinirste surging In the lestk olagee of on anilei-flow
coBprenter, (h. straighteniag Slsdeer of (heos etlagee (er the Gir-
fusor venes of o redial fioe conpresser) mvet be piveiod 1n the
directiion of retor retation.

Sinde 1L leproves flow conditions around the blades of one or
the ether etage vnder off-veoign regimes, piveting the streighioning
Sindes con Increses - sapresser officloncy wader these regimes. Ae
& resvlt, the required Sempereture In frent of the terdine (o re-
duceod, as thie 1e seen free eszpresstion (m.h). and the opereting
line of & turbejer ongine with '. ® conet 1y dieplaced Accordingly
in the directien of greater air flevratoes, ohifting avey frem the
surge Limit (detted part of the line cbb‘a tn figure 170),

The greater the distance between the Sperating line of & turbe-
Jet engine and the compressor surge limit, the greatsr will de the
“stabiltey Sargin® or “surge ®argin®, whoes sagnitude te deterwined
from the fellowing relationship:s

Cotap * (G.": ll-/"‘an 1a = V) 100 ¢

where G. and " £ are the air flowrste parameter and the compressor
compression ratio that correspond to the equi-~
lidrium regime of the turtiojet engine (for ims tance,
in points a in figures 123 and 124),

6. 1'm *M9 "8 | im °T® the flowrate parameter and the compression
ratio in corresponding points on the surge limit
in points 1 in figures 12) and 12k),

Stability margine are determined experimentally during static
and in-flight engine tests, and must be not less than 12 to 17 ¢
under all practially poseible conditions of engine operaticn.
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CHAPTEN 14

THE EFPICT OF OPENATING COWDITIONS ON THE NPGINES
OF & TUNBOJET TmOINt

‘e IRa.RCfesl of the ca@ 80 the Patametecs of the Ossrgiing
Crasasa of o Purkeist Kngise

Lot wo conaideor the offoet of PR on (he regiss of o turbvejel
SRgine, aoowning Thel eteeopheric conditions ae woll as elrepond
ond altitude are conclant,

tn that cooe the rpm partencior 10 reduced with o redusiion In
PR, 20 Lhal (he point correoponding 1o Lhe savilibriue regiss of o
turbe jet ongine wiilh '. ® const 10 dieplaced dosrmmard end te (he
loft along 14e oporating lime, shich means that uw,ccopnuu
compression ratlie -‘ and ihe (lovrsie paramster 8 are re-
duced. The rednctiion (n the cempreselion ratie "L ¥e due te the
fact that the werk L. that 10 consumed for the comprassion of ' kg
of alr in the compresser, ts redu:ed appreaimately prepertionally
te the osquare of rpm, and the reduction in the flewrate paraneter
1o caveed by the decrease Ln the volght flourate of the air threugh
the engine.

If the rpe paremeter of o turbejet engine with ' e conet 1
reduced bolew 1te designed magnitude, the compresser othclcmy "n
a8 a rule will et firat tncreass slightly, and subsequently begin
te decresse it a rete becoming faster with rising designed compres-
sfon ratio. A certain increase of compressor efficiency for s
comparstively small reduction in rpm below ite designad value s
due to a reduction of 10eses ae a result of the decrease of air flow
velocity in the compressor. A reduction of compressor efficiency
for a grest decrease in rpm 18 caused by the increasingly significant
Jeviations of the angles of attack of the blades in the first and
last compressor stages from their designed values during this
process.

However, as far as the turbine efficiency r+ is concerned, it
remains practically constant when the rpm pareameter changes within
broad limits.

The pos“ible nature of the dependencies of "Ry Nyer T&. and

L]
'\{. on the rpm in the case under consideration are shown tn ﬂ:uro
131, where the designed values of all the marnitudes are assumed
to bs equal to one.

If the rpm is reduced at supercritical drops in the jet nozzle,
the temperaturs ‘l" in front of the turbine that is required in ourder
to accomplish oqutltbrtum regimes of a turbojet engine with F Jrconst,
is reduced, nccording to formula (10.3), in direct proportion to the
compressor work Lk' as long as the turbine efficiency remains constant
(see figure 131).
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FPigure 1311 VYariation of the paremetors of & turbejet
engine with ' ® cenet, with changing rpe.

Hovever, If the pressure drep in the jet neasle ia subcritical,
the reduction in the compression r.llo": will lead to & decrease
In the gae eapansion ratie .I' in the turbine of a turbojet angine
with ' ® const. AR the esame time, turbine efficiency and coapres-
sor orflcumy will be reduced 1f there is o significant reduction
in rpm. As a result, the temperature ‘l" in front of the turbine
that te required for the equilibrium ro.lno of the turbojet engine,
1% reduced vith decressing rpm, initially at a slower rate than the
vork L.. subsaquently achieves a ®inisuwe, and finally , upon further
significant reduction in Tpm, increases due to the great decrease
in ‘T and ths reduction tn turbine efficiency and compressor effi-
clency.

In order to explatin such a change {n the temperature ‘l" we turn
to the dependencies of the compressor work "'k and the -vnlluble
turbine work l.r ®meaning the work that could have been obtained
from the turbine of a turbojet engine with FQ = const if the tempera-
ture T; in front of the turbine were kept constant, on the rpm,

The compressor work, as we mentioned above, is increased almost
proportionally to the muare of rpm. But the available turbine work
of a turbojet erngine not only depends on the rpm but aiso on the
temperature 'l" in front of the turbine. The lower this temperature,
the smaller -lll be the available turbine work Ll. for a given rpm

(for a given* Figure 132 shows the nature of the dependence of

).
the (omprossorTwork Lk (solid curve) and the available turbine work
of a turbojet engine on the rpm, at different temperatures T" main-
tained constant in front of the turbine (dotted curves), wherr- the
designed values of Lk and Ll‘ Are assumed to be equal to one. In
this figure the topmost dotted curve A refers to the available

turbine work at a constant maximum acceptable temperature T; -
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In fromt of the turdine, vhile 1he detted curves B and C refor o
the avellablo verh of the eane tuibine at constant temperatures
lover than 7: ose’ °F 01 7:. < f: P f:, L} ?:'. respectively,
18 1o «bviove thel, oo long 20 the goe eapancion retie " in the
Sertine remaine conetant In spite of tne redvation In® { and L‘
oiih cocrensing rpm (ewpere-ittcel preocsvre Arep in the Jet mesaile),
ond {F '\ruoul Suring 1his process, the availadle vorh of the tur.
bine vill et ehanges, olther (for 1netar-e, soction AL’ of curve 4
in figure 132), oinece ?: ® ¢onel. MNowever. IFf the cipansion ratte
g 10 reduces with deereasing rpe (suberitical drep in the jot mesale)
ond the turbine efficiency e reduwced at the same time, the resvlit
vill 50 that the avallable Lurtine verh is reduced even theugh f: -

const 1o the seme a0 bdefore.
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Figure 1)2: Eetablishing the equilibriuve regimes of
a turbojet engine.

The condition "‘l‘ - l'k' as ve know, is mandatory for equilibrium
regimes of a turbojnat engine. But this condition is precisely satis-
fied by the intersection pointe of the lines of available turdine
work l‘l‘ for different values of 1‘: = const with the line that de-
termines the dependence of the cowmpressor work Lk on the rpm (points
0y 1, 2, 3, 4, and 5 in figure 132),

Consequently, these points determine that combination of rpm
and tempurature T: in front of the turbins where equilibrium regimes
of a turbojet engine with F. = const are obtained.

It is readily noted tiiat, here, each rpm corresponds to its
quite specific temperature 1‘: in front of the turbine; this tempera-
ture, as shown in figure 133, is initially reduced with decreasing
rpm, and subsequently increases after reaching a minimum,

It is obvious that this increase in the temperature T: at low
rpm will be even greater if air is bypassed from the compressor into
the atmosphere. However, if a supercritical pressure drop is main-
tained in the jet nozzle at all engine rpm values, the temperature
in front of the turbine under equilibrium regimes of a turbo jet
engine with F' = const will only decrease with decreasing rpm,

e
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Pointe O and § 1n Figures 137 and 133 detormine the mes ious
Rm, ALt O™ Sinieue rpe, LI wshere oquilibrive regiser of a
Turhejol engine with '. ® canel can he ohiained at a teapersiure

equaling the aadiem teapsrature l’: that e eccoplanie for the

fas
turtine,

.

Figure 1))1 Variation of the tesperature in frent
of the turbine of a turhejel engine with changing
rpm, under equilidbrium regises.

At rpm values greater than n the cempresser weork l\ becomes

[ 1]
“reater than the work Lr that the turbire can deliver at 1’: st
(ees figure 1)2). Consequently, enceeding the manieus rpm of &
turbojet engine with '. ® corel invelves the necessity of incress-
ing the temperature in front of the turdine bevond 1‘: ass’ which
leads to turbine overheating and can cauvee turbine blade destruce
tion. Therefore, this type of engine operation is not acceptabdle.
This type of unfavorable relationship between compressor work
and turbine vork 1o slso obtained at lov rpe. Actually, at rpm
values below n of a turbojet engine with '. e const the turdbim

min

work at Te ie less than the compressor work + @8 feen in
2 max

figure 1)2. In that case, in order to obtain equilibrium regimes

of s turtrjet engine at rpm values of n< n it would de necessary

to increase the turbine work vhich for r. -.::mt can be accomplished
only by means of increasing the temperature in front of the turbine
beyond T; marx’
of overheating the turbine blades.

Thus, & very high gas tempsrature in front of the turbine
of a turbojet engine and, consequently, the danger of overheating

the turbine blading, can develop at maximum and close to maximum

But this is not acceptable because of the danger

rpm, as well as low rpm.

Therefore, continuous operation of a turbojet engine, not only
at maximum, but also at low rpm, is acceptable only for a limited
period of time.

2. The Effect of Fxternal Conditiony on the Parameters of the
Operating Process of a Turbojet Engine

Let us now consider the effect of external conditions, which
includes airspeed and altitude as well as the tempersture and pres-
sure of the atmospheric air, on the parameters of the operating
process, assuming in this case that the engine rpm remains constant
and that the pressure drop in the jet nozzle is supercritical.
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If the airepeed 1o incrinned under ethervise unchanged cendie«
tiena, the teaperasture I‘: L] f“ ond presovrse p: ¢ py -;mor the alr
At the cempresser iniet of o Lurvejet engine will Insrence ao o
resull of the Inereane in the velecity head coeapression relle ':.”.

AR iRcrense In Lhe tem erature ru leade (o o reduction of the
rpB parabetler jr',_ el n o conetl. A0 o resull, Lhe point thatl de-
termines the oquilibriun regise of a turbejel sngine wilh '. e canet
Lo dioplaced Aovnuard and te the lefs (esactly ae In the case of o
reduction of n ot l‘“ ® conet), which leade te o reductiion In the
compresoer conprecsion relie -‘ and the flewrate parsaster »
Enactly the seme displacesent of the oquilidriun regioe will take
place, of cource, If only the temperature T" of the ateespheric air
1o Incressed under cthervise unchanged cenditiens,

The change In the cespresser cempression ratie "“ that accom.
punies a change In the air temperatuce f“ ot Lhe ceapresser inlet
for n o const 1¢ due to the lelieving. The cempresser cempression
r-llo": depends on the preduct of cempresser work l\ and cempresoer
efficloncy ". and on the initial tempersture ‘I‘“ of the cempresstien
precess, oo that

Y

- . ! ' ¥

whence

!‘- v
But experience shows that, (f the rps is hept constant, the
product "‘L‘ is precticelly almost independent of the teeperature
1‘“. Therefore, the compression nuo""‘ decreases vith incressing
1‘“ at n » const, and increases with dul;ocolu f“.

The retuction of the parameter “a in thie case occurs
becavse, a9 we know froms compresser theory, 1t is uniquely deterwined
by the Mach numsber n. or at the compressor inlet, 00 that the

flowrate parsmeter is reduced with a reduction in the Mach number
L (sr L 1). It vas shown earlier (see figure 126) that the atr
velocity c. at the compressor inlet of a turbojet engine with '. -
const decreases or remains approximately constant with increasing
temperature ‘l‘"‘ at n s const and, consequently, also with increasing
'I‘.. Therefore, 1f the temperature T“ increases as a result of an
increase In airspeed or incressed temperature of the steaospheric
air under otherwise unchanged conditions, the Nach nusber N. {or
, ) and, consequently, also the flowrate parametor, are reduced.
However, the weight flowrate 0. of the air through the ~ngine
changes differen’.ly during this process. If the airepeed s in-
creased at n = const and under otherwise unchanged conditions, the
overall compression r-uow; is increased due to the increase in
the velocity head compression ratio, in spite of the decrease of
"l during this process, which leads to an increase of pressure p:
in front of the turbine and to a corresponding increase {n t%e
density of the air flowing through the engine. Ae a result, the
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veight flevrate 0. of the alr threugh a turbejel engine with '. [

® cohsl Increasns while the flovraie paremetor 10 redueced. How-
ever, if only the teaperature l" of the slmespheric air lo Increased,
the compresser coapression retie and '= are reduced, oo that ihe
woight flewrate 0. of the alr through the engine 1a alse reduced In
these cases.

Vith increasing altitude the temperature ~f ateespheric air
decronses (wp toe M o 11 o), baremetric pressure diepe, and the
density of atmeepheric alr Lo reduced. Therefere, the rpa parameter
Increases with decreacing altittede ot ¥V o conot and n o censt, and
the equilibrium regime of & turtejet engine with '. e const shifte
upuard and te the right aleng t1te opersting line, which cerrespende
to an increase Iin the cempression rattle "‘ and the flevrete parameter
resvuiting frem the cavees neted adeve. However, the weight flewrate
of the air threugh the engine, o.. 1o reduced 1n thie case ad o
resuit of the decreasing density eof atmespheric air with increaeing
altitude.

This type of displacesent of the equilibrium regime of o
turbejet .Mll:, ylt\ '. ® conat or, In ether werds, thies incresse
in -‘ ond "" alee occurs if only the tempersture of the ateo-
spheric air 18 reouced under ethervise unchanged cenditiens. But
this cese differe frem the preceding csse in that the woight flewe
rate of air threugh the engine will be increased as a result of the
increase in the density of the air fleving through the engine which
1o due tc the reduction of r“ at Py = const,

Vith increasing altitude or decressing atmospheric sir tempera-
ture at n o corst, the equilibrium regime of a turdbejet engine with
'. ® conet vill be lecated at & peint in ite eperating line whose
helght incressemvwith increasing ongine rpm and decreasing airspeed.
Therefore, 1f the engine eperetes at maximus or clese to maximus
rpm, an incresse In altitude (clisbing) at relatively slow sirepeed,
or simply & reductien in atmespheric air teaperature during etatic
eperntion (upon take-off) can lead to compresser surging (in point
b, see figure 124).

A large Increase In atrepeed or & significant increase of
atmospheric alr te@perature at V o const for Vv o 0) will cauvse o
significant dewnward shift of the equilibrive regime of a turdojet
ongine with '. ® conet aleng ite opersting line and, consequently,
can sleo lead to compressor surging (i1n point H, see Figure 12)).

In order to eltiminate surging i1t is necessary, in the firet
case, to reduce the engln» rpes or the alticude and, If poseible,
to Increase the ailrepeed and In the secend case to reduce (to limse)
the atrepeed or, If possible, to Increase the engine rpe eimultaneocus-
ly with the alrspeed.
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The change 1n the temperature in front of the turbine that s
required (n order to ®maintatn a constant rpm of a turbojet engine
with '. ® conet when there o o change in the temperature T“ at
the cempresser inlet, 1e deterwmined primarily by the nature of the
change In cempressor work Lk which {n the majority of cases does
net rematn censtant here, as experience shows,

The relative change in the compressor work "k of a turbojet
engine with '. ® coenet s shown in figure 134 as o function of air
temperature T“ at the compreseor inlet for conetant rpm and dife-
ferent values of deeigned compression ratio "n des® It is noted
taat, 1f there 18 o change in the temperature 'l‘ﬁ at n = const, the
work "'k of a turbojet ongine with '. ® const can change in different
wvays. Thue, for instance, under high values ofn 4 des the work l.k
08 a rule will incresse with ircreasing Tﬁ, while it will decrease
under low values of ng des’

LT ;
I.S'L—".rru'}-—,—v:_. Orf,
108 N— - /’K*:r--;
e NBIR L .-
TP \-a 1
d.'sr,/,/_\~| e a—
£39p% Y N
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“",L | vreewpise {
B e vy 74 7

Pigure 134 Dependunce of the compressor work of a

turbojet engine with F o const on the air temperature
at the inlet,"at n » const.,

If there is a supercritical pressure drop in the jet nozzle,
the temperatury ‘l‘: in front of the turbine of a turbojet enzine
with '. ® const will change, according to formula (IO.J), n direct
proportion to the work "k’ Therefore, in this case an increase in
the temperature ‘I'ﬁ (regardless or its causes) at n = const will rae-
Sult in an increase of the temperature ‘l‘: in front of the turbine of
turbojet engines with high values orﬂ: des® ®Nd a decrease for
turbojet engines with low values of ": des*® Accordingly, a reduction
or‘l’ﬁ &t n » conet will cause a decrease of the temp: rature in front
of the turbine under high values of "‘0( des' N9 an increase under
low values of n‘ des®

However, if the pressure drop in the jet noz:zle is subcritical,
an increase of air temperature ‘rﬁ at n = const anc ". = const will
be accompantied by a reduction of the gas expansion ratio 'T in the
turbine and, consequently, also of the ratio Lk/‘r: (due to the re-
duction of"‘). while a decrease of ‘l‘ﬁ will cause it to increase.
Here, calculations and experience show that the ratio Lk/‘r: changes
to a greater degree than the work Lk' Therefore, in this case an
increase in the temperature Tﬁ (as well as in TH) at n = const
alvays (under all possible changes of Lk shown {n figure 134) leads
to some degree of increase of the temperature ‘l‘: in front of the



RA017-48 204

turbine of o Lurbejetl oagine with 7. e conet, while o docreonce of
L] {or t”) 10ede 1o o reduciion of the tomperalore e,

). Ossandesce of \hs Thrual and fcsngny of o Turesist Easine oa
Alssashacic Cangilingg

In considoring the depondence of the thrvetl ond opoeific fuel
conoumplion of o complotod Lurbejol ongine with '. e constl on ke
tonperature and pressvre of simeopheric air, 1ol we sesume thatl the
e and airepecd remain conelant here (or that v o 0),

If there 1o o change In ateeepheric pressvre py, ot ?“ ® conel
and V o const, the pressvre at (he compresser inlet and the counters
prosoure ot the jet mesrle ovilel of the turhejel engine will) change
proportionsily. But the perapeters thal detlersine the regine of
the compresser (Ihat 1o o O and ,‘;‘ ) and the turbine (for
Instance, f:/f“) are met cependent on n‘oomrle precsvre. There-
fore, If there 13 a chenge in eleespheric presswre Py vader other-
vise oqual conditions, the peiatl In the Field of cempresser charnce~
lerintice thatl correepends (o 1he equilibrive regime of the turbejet
ongine v net displaeced, and all the perasetere of Lhe operetling
prececs of the turbejel engime, owch g0 ™ ‘. ?:. and se on, remsin
constant,

It follews frem the feregeling that, If there 18 an increase In
stacspheric pressvre Py vader ethervise equal conditions, the pres-
uree 1A 4l cress-sections of the flev section of the turbejet
engine will Increase prepertionally te the pressure Py while the
tesperatures, Including thees 1n Frent of the turdbine, will resain
constant. 4e & result, there will de ne change 18 the exhawet
velecity frem the jet nessle and, consequentiy, Lm the specific
thruet and specific fuel consumption. But as far ae the weight flewe
rate of the alr througs the engire is concerned, 1t will he incresned
in direct proportien te the Increste In ateespheric pressure Py
due to the increase of pressvre ’= in frent of the turbine and
because of ?: s conet, which alee leads te & correepending Increase
of enmine thruet.

Thus, 1t 1e net Sifficult to form the cenclusien that, at &
given rpe and under ethervise unchanged cenditiene, the thruet of
s turbojet engine will increase preportionally to the increase in
atesospheric pressure Pyyo and that this te due eaclusively to the
aseociated Increase 1n the wveight flewrate of air through the engine,
while the specific fuel consumption reealns constant. And the thruet
of & turbojel engine ¢.c *easss with decreasing atmespheric pressure
Py

Moreover, 1t sust be taken ‘nto consideration that a signtfie
cant reduction of wimospheric pressure and, coneequently, aleo of
the density of the air and combustion preducte in the engine, that
te due to flight at very great altitudes, can lead to & reduction
in the Neynulds number 1n the engine flow section which, under



RA-017-68 207

othervise equal conditions, already causes an apprediable increase
of friction losses, and in particular e corresponding reduction of
turbine and coapressor efficiency. In that case, obviously, the
€8s tempersture ‘l': in front of the turbine must be increased in
erder to keep the rpm constant. Consequently, {f Py is reduced to-
gother with a reduction in the thrust of a turbojet engine, the
specific fuel consumption will be increased, and the regime of the
turbojet engine will shift along the ‘v-:" el 1ine toward the
surge limit, which means that all the parameters of the operating
process change, too, and that the stability margin of the engine
becomes smaller.,

A change in atmospheric air temperature along will always re-
sult in a change in the thrust of a turbojet engine and in its
specific fuel consumption,

It wae shown above that, if the rpm of a turbojet engine remains
constant during s reduction of ambient tempersture T". the weight
flowrate of air through the turbojet engine and the compression ratio
"‘ of its cempressor will increase while the temperature 1‘: in front
of tha turbine, if 1t also changes in either direction, will do so
to & lesser degree th.n"k and 0.. Moreover, it is obvious that
the temperature 1': at the compressor outlet will be reduced.

As & result of the increase in the compressor compression ratio
the gas expansion ratio in the jet noszle end, consequently, also
the specific thrust of s turbojet engine, will increase with de-
creasing ‘l‘u. Since, in this case, the veight flowrate of the air
1s increased at the same time, engine thrust will increase at an
even greater rate than specific thrust.

Due to the increase in specific thrust, the specific fuel con-
sumption of a turbojet engine will decrease with decreasing ‘l'".

But since, in this case, the excess of air coefficient 2 {s reduced
due te the incressing temperature difference (‘l‘: - ‘l‘:). the specific
fuel consumption will change at a lesser rate than the specific
thrust when there is a change in asdient temperature.

Thue, at a given rpm and under othervise equal conditions,
the thrust delivered by a turbojet engine will increase, and its
specific fuel consumption will decrease, with decreasing ambient
sir temperature. And if the ambient temperature increases, the
thrust of a turbejet engine at n = const will decrease accordingly,
vhile the epecific fuel consumption is increased.

The relative changes in the thrust and specific fuel consumpe~
tion of a turbojet engine with '. s const and for n s const are
sl.own as functions of ashient air temperature Tu in figure 135,
where the velues for P and C.’ are assumed to de equal to one for
Ty 277k (0° ¢).
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Figure 135: anon&.n:e ng$ Znﬁ c of a turbojet engine
with Fe = const, on ambientVair temperature
at n = const,

The significant effecta of atmospheric conditions on the
parameters of the operating process and, in the long run, on the
thrust and specific fuel consumption of a turbojet engine, make it
necessary to reduce the results of engine tests to identical,
standard ggmoaghorgc conditions which, at an altitude of H = O (nt
sea level), correspond to a barometric Pressure of P, = 760 mm
mercury column (1.033 kg/cmj) and an air temperature of T, = 288%
(+ 15°C).

Obviously, without this reduction it is impossible to compare
data obtained at different times for one and the same turbojet
engine, to judge correctly whether a turbojet engine meets techni-
cal specifications, or to compare the data of different turbojet
engines,

Special formulas based on the application of the theory of the
similarity of &gas flows to turbojet engines are used to reduce the
thrust, specific fuel consumption, and other parameters of turboe
jet engines to standard atmospheric conditions., These formulas
and their derivation shall be discussed in the following chapter,

4, he Effect of the Geometry of and Losses in the El.ments of a

urbojet Engine on Thrust Econom nd Temperature in Fron

gf the Tu:;bine

The following are subject to change in a turbojet engine during
operation in the aircraft

the minimum flow areas of the jJet nozzle, Fe' and of the
turbine nozzle assembly, FNA' as a result of their control, de-
formation, or damage}

the velocity coefficient “jon of the jet nozzle (or rather,
of the exhaust system), for instance when an extended exhaust pipe
is installed;

the efficiencies of compressor, nk' and turbine, "r' as well
as the coefficient LI of the turbine nozzle assembly, as a result
of blade damage or a deviation of radial clearances;

the pressure coefficient? coe in the combustion chambers, due
to deformation of flame tubes and flame stabilizers;
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the pressure coefficlent %in at the engine inlet, due to
modifications or damage on aircraft air intake rssemblies or ducts,
or as a result of theinstallation of a given engine into an aircraft
of different design.

Also, an immediate change in the magnitudes and coefficients
listed above is very frequently found during final testing of a
completed turbojet engine, as a result of design modifications made
on engine elements.

In this context, let us consider the effect of the areas Fd
and FNA as well as of the coefficients indicated above that are
defined as losses in the engine elements, on the thrust and specific
fuel consumption of a completed turbojet engine, assuming that the
rpm, airspeed, altitude, and atmospheric conditions are constant.

It was established earlier that a change in the jet nozzle
area F, or in the turbine nozzle assembly area FNA at n = const
and under otherwise equal conditions will cause a change in the
temperature T: in front of the turﬁfne and a shift of the regime
of the turbojet engine along the ETH;““m“L line. As a result,
all other parameters of the operating proeeas,VYQ, nk' Npe and so
on, will change, too. However, the determinative effect on thrust
and specific fuel consumption here is still the gas temperature
in front of the turbine.

If only the area F° of the Jjet nozzle is increased, the gas
expansicn ratio ‘T in the turbine will increase, the temperature
T: in front of the turbine will be reduced if n = const is main-
tained, and the regime of the engine will shift into the area of
lower values of nﬁ and N, and greater air flowrates Ga. An in-
crease in LFY accompanied by a simultaneous decrease of temperature
T: will lead to a reduction of gas temperature Ts in front of the
Jet nozzle. Moreover, due to the reduction 1n11§ and the increase

ine¢ the gas pressure 95 in front of the jet nozzle will drop

T

and, consequently, the gas expansion ratioc¢ in the Jet nozzle

will be reduced. As a result, the specific 2ﬁ:ust Psp will decrease,
and so will the thrust P of the engine, in spite of a certain pos~-
sible increase in the flowrate Ga'

A reduction in specific thrust leads to an increase in speci-
fic fuel consumption. But at the same time, due to the decrease
in the temperature T; in front of the turbine and the insignificant
change in the temperature at the compressor outlet that is involved
the excess of air coefficient o0 will increase, contributing to a
reduction in specific fuel consumption. However, at the same time
there is a decrease in n* and wd.n. Therefore, if the jet nozzle
area Fe is increased, the specific fuel consumption Csp can decrease
slightly at first, achieving a minimum for a certain magnitude Fe
determined by the turbojet engine in question and can subsequently

increase.
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The nature of the relative change in thrust, specific fuel
consumption, specific thrust, and other parameters of a completed
turbojet engine, as functions of its Jet nozzle area F. and for
n = const, ts shown in figure 136 where the designed values of all

these magnitudcs are assumed to be equal to one.

Figure 136: Dependence of the thrust and specific
fuel consumption of a turbojet engine on the jet
nozzle area, for n = const,

A reduction in the area FNA of the turbine nozzle assembly
at n = const also leads to a reduction in the temparature T: in
front of the turbine, due to the increase of the gas expansion ratio
p in the turbine. Therefore, if the area FNA is reduced, engine
thrust and specific fuel consumption will change qualitatively in
the same manner as for an increase in the Jet nozzle area Fe. But
in this case the effect of PNA on thrust proves to be less than
the effect of Fa' This is due to the fact that, if FNA is reduced,
the reduction in the temperature T: will be accompanied by a shift
of the regime of the turbojet engine into the area of greater values
of nﬁ and e and lower flowrates Ga (1t will move toward the surge
limit).

Calculations and experience show that, under otherwise equal
conditions, a 1 % change in the area Fe can cause the thrust to
change by 1 to 2 % in the direction indicated above, the specific
fuel consumption by 0.5 to 1 %, and the temperature T: in front cf
the turbine by 0.75 to 1.5 %, while a 1 % change in the area Fra
corresponds to a change of 0.8 to 1.3 % in thrust, 0.5 to 1.1 %
in specific fuel consumption, and 0.4 to 1.0 % in T#, for static
engine operation on the ground. The effect of Febecomes stronger
with increasing airspeed.

At n = const, a change in the losses in the engine exhaust
system that are determined by the coefficient wJ.n must result,
as seen from formula (10.2), in exactly the same change of the
parameters of the operating process as a change in the jet nozzle
area Fe.

If the losses in the exhaust system are increased or, in other
words, if wj.n i1s reduced, the exhaust system will show greater gas



RA-017-68 211

flow resistance, so that the pressure ps behind the turbine will
increase and "l‘ decrease, requiring an increase of €as temperature

T: in frontaf the turbine in order to maintain n = const. Consequent-
ly, a raduction in wJ.n' like a reduction in Fe' will cause the

regime of the turbojet engine to chift toward the surge limit along
the j/';;"‘""""t line ("ﬁ is increased), and the stability margin of
the engine will be reduced.

The change in the thruat of a turbojet engine when QJ.n is re-
duced and n = const, is a result of the increase of the temperature
1‘; and the simultaneous increase of the expansion ratio cJ.n in the
jet nozzle that is due to the increase 1nﬂl‘: and the reduction of
'T during this process.

As a rule, the increase in T; and ‘J.n has a decisive effect
that results in an increase in the thrust of a turbojet engine at

n = const and a reduction of (] in spite of the increase of los~

’
ses in the exhuust system (seeJ;;.‘gure 137). Moreover, the increase
in the temperature T; that is associatod with the increasing losses
in the exhaust system of the turbojet engine, also leads to an in-
Crease, at n = const, in the specific fuel consumption (see figure
137), since the specific thrust increases at a significantly lesser
rate during this process (dua to the reduction in ¢J.n) than it doea

for a reduction in F..

RN
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Figure 137: Dependence of the thrust and specific
fuel consumption of a turbojet engine on the losses
in the exhaust system (on wJ.n)' for n = const.

A 1 % increase of losses in the exhaust system of a turbojet
engine at n = const and under otherwise equal conditions, can cause
the thrust to increase by about 0.5 to 1.7 4 and the specific fuel
consumption by 0.7 to 1.4 ¢,

It is readily noted from the description given above that
a change in the velocity coefficient YNya ©OFs 1n other words, in
the losses in the turbine nozzle assembly, must lead to exactly
the same change in the parameters of a completed turbojet engine
as a change in the area FNA of the turbine nozzle assembly, In

particular, the expansion ratio GT increases with decreasing L'
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resulting in a reduction of temperature in front of the turbine for
n = const (tt‘ "T s const during this procass), and accordingly in a
reduction of engine thrust and of the stability margin.

If the turbine efficiency 'x,l. is increased, the temperature in
front of the turbine that is required to maintain the previous rpm
of the turbojet ¢ngine will increase, which follows directly from
formula (10.2), and the air flowrate through the engine will de-
crease. Therefore, the regime of the engine shifts to the left and
upwards along the V‘;;/ const line, approaching the surge limit,
meaning that ﬂﬁ increases. At the same time, the increase of the
hydraulic losses in the turbine that are associated with the reduc-
tion in turbine efficlency r will cause a reduction of the adiabatic
(polytropic) exponent of expansion, which also contributes to a re-
duction in the gas expansion ratio € _ in the turbine. The increass

T
in "l‘: and the reduction in ‘T lead to an increase of the gas expansion
ratio in the jet nozzle, ¢ Jon’ As a result of the simultaneous in-

crease of ‘!‘; (and, accordingly, of 1‘5) and ‘J.n' the specific thrust
and the thrust of a completed turbojet engine will increase with
decreasing turbine efficiency "% (see figure 138). The specific
fuel consumption will increase, too, since in this case the reduc-
tion of lthat is due to the increase in the temperature ‘l‘; pre=

dominates over the increase in specific thrust.
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Figure 1383 Dependence of the thrust and specific
fuel consumption of a turbojet engine on turbine
efficiency, at n = const.

If the compressor work l"k is increased with increasing compres-
sor efficiency ']k at n = const, the temperature in front of the
turbine must be increased, too. As a result, ”the regime of the
turbojet engine will be displaced along the i/'-,-;‘,'_'c"mst
the surge limit, and the gas expansion ratio ‘J n in the Jjet nozzle

line toward

will increase because of the increase in "’f‘. Therefore, in this as
in the preceding case, the thrust and the specific fuel consumption
of the turbojet engine will be increased.

A 1 % reduction of turbine efficiency at n = const can lead
to an increase in the temperature T: of an existing turbojet engine
by about 1.3 to 1,45 %, and by 0.8 to 1.8 % in the thrust and the
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specific fuel consumption. And a 1 % reduction of compressor ef-
ficiency, or a 1 % increase of Lk at n = const, can cause ‘l‘: to in-
crease by about 1.1 to 1.3 %, and the thrust and specific fuel con-
sumption by 0.6 to 1.3 %.

If the loss in total pressuire in the combustion chambers is
increased or, in other words, if the coefficient Gc_c is reduced,
the weight flowrate of air, Ga' will be reduced for a given value
of nn. due to the reduction of pressure in front of the turbine and,
consequently, the entire operating line of a turbojet engine with
Fe = const will be displaced to the left, toward the compressor surge
limit.

Therefore, an increase inoc.c at n = conat leads to a red?c-
tion in the air flowrat:z through the compressor (unless the f//“
line is vertical) and to an increase in both, the compression ratio
"ﬁ and the compressor work Lk' In that case, if the pressure drop
in the jet nozzle, for instance, is supercritical so that cT = const,
the temperature T; in front of the turbine must be increased in ac-
cordance with the increase in Lk' if n a const is to be maintained.
It is obvious that an increase in the temperature 'l‘; at 'T = const
will in turn cause an increase in the temperature T; in front of
the jet nozzle. In order to explain how the gas expansion ratio
€ in the jet nozzle is changed in this case, let us revert to

Jen

expression (10,2) on whose basis we can write
m
€jon = P3/Py = PL/Py (O Py /0y ofF )"
Substituting

PL/Py = i nhOc.e
and taking into consideration the conditions used above, where

% = const, we obtain
v.h

e‘j.n =%k cona:.
Depending on the slope of the V/'ir-%”s’ line, the increase
in the compression ratio"n can be greater or smaller than the re-
duction in Uc.c that causes this increase. Therefore, the expansion
ratio € in the jet nozzle can either increase or decrease with

Jen
decreasing o Calculations show that this leads, respectively,

c.c’
to an increase or a decrease of engine thrust within the limits of

about + 0.5 % for a | % decrease in O

c.c’
The specific fuel consumption increases with decreasing c.c
(up to 0.5 % for 1 ¢ of O c) as a result of the increase of the

temperature T# in front of the turbine (or decrease of 1) which is
decisive in this case.
An increase of losses at the engine inlet, or a decrease of

the pressure coefficient O regardless of 1its causes leads to

in’
a reduction of air pressure p; = Oinpﬁ at the compressor inlet.
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However, the flowrate parameter does not depend on this pressure,
since the weight flowrate of air at ‘l‘ﬂ w const is proportional to

the pressure p:. Therafore, if © is reduced and n = const, the

compression ratio "!.( and the comp:::uor work Lk will remain constant,
while the pressure p: = cc.cp: ﬂﬁ in front of the turbine will be
reduced at the same rate as the pressure p: in front of the compres-
80r.,

If there is a supercritical pressure drop in the jet nozzle,
the expansion ratio CT in the turbine will be determined only by

the magnitude of the ratio VNAFNA/Q’J and will not depend on

For
the pressure p; in front of the turbi..:eeor, in other wowrds, it will
not be dependent on p:. either. As a result, in this case the re-
duction in in leads to an identical reduction in both, the pres-
sure p: in front of the turbine and the pressure p; behind the

turbine, and the gas expansion ratio ¢ in the jet nozzle will

J.n
be reduced.

Consequently, if there is a supercritical pressure drop in
the jet nozzle, a reduction in ain under otherwise equal conditions
will not violate the equality of L’l‘ = l‘k' and therefore no change in
the temperature ‘l‘: in front of the turbine is required in order to

maintain n » const or, in other words, if there is a changa in

Utn' the point that determines the equilibrium regime of the turbo-
Jet engine will maintain its previous position on the i-/i =consl

-
line. "

Moreover, the thrust of the engine and its specific thrust
will decrease with decreasing Uin and n = const, and the specific
fuel consumption will increase, which is due to the reduction of
the weight flowrate of air through the engine and of the gas ex-
pansion ratio¢ jon in the jet nozzle.

However, if there is a subcritical pressure drop in the jet
nozzle of a turbojet engine, the reduction of oin at the inlet and,
consequently, of the pressure p; in front of the turbine as well,
will cause a reduction of the gas expansion ratio "l‘ in the turbine

or, in other words, if there is a reduction in ¢ the pressure p;

will drop at a faster rate than the pressure p;,:l:o that the tempera-
ture ‘1‘; must be increased in order to maintain n = const, which
follows from equation (10.2), This leads to a simultaneous decrease
of thrust and increase of specific fuel consumption, and to a dis-
placement of the regime of the engine to the left and upwards along
the V’;,', “wil 1ine, or toward the surge limit (see figure 139),

and the stability margin of the turbojet engine will be decreased
which frequently proves to be an inacceptable consequence of a re-

duction in o, .,
in
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in

Figure 1393 Dependence of the thrust and specific
fuel consumption of a turbojet engine on the losses
at the engine inlet, for n a const.
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CHAPTER 12
CHARACTERISTICS OF TURBOJET ENGINES

1. ne onsid io

An engine installed in an aircraft is operated at different
rpm, airspeed, and altitude. Therefore, an exhaustive evaluation
of all the cualities and capabilities of a turbojet engine requires
that the dependencies of its thrust and specific fuel consumption
on rpm, airspeed, and altitude be known. These dependencies are
called the primary characteristics of a turbojet engine.

The dnpendencies of the thrust and specific fuel consumption
of a turbojet engine on the rpm are called the rpm characteristics
or throttling characteristics.

The dependencies of the thrust and specific fuel consumption
of a turbojet engine on airspeed and altitude are called, respec-

tively, airspeed characteristics and altitude characteristics or,
combined, flight characteristics or altitude-airspeed characteristics.

The primary characteristics of a turbojet engine are established
either by means of testing the engine on special test stands or in
special aircraft or airborne laboratories, or they are obtained
with more or less accuracy on the basis of calculations.

The profile of the primary characteristics of a turbojet engine,
or the rate of change of its thrust and specific fuel consumption
with changing airspeed and altitude as well as rpm, depends strongly
on the control schedule selected for the engine.

The control schedule is defined as the rules for varying the
primary parameters or control parameters of an engine (such as n,

T:. and others) that determine its thrust and specific fuel con-
sumption.

It is obvious that the control schedule must ensure the most
advantageous and reliable utilization of the engine during flight.

Consequently, in order to consider the characteristics of turbo=-
jet engines it is first of all necessary to examine the basic problems
associated with their control schedules.

2. Concept of the Control S ul of Turbojet E n

The primary tasks of turbojet engine control are:

to provide the maximum possible thrust at all required air-
speeds and altitudes (tnko-oft. climbing, acceleration, maximum
airspeed, maximum possible altitude);

to ensure a minimum possible fuel consumption during flight
under reduced thrust regimes (maximum range or maximum endurance
flight);

to protect the engine against dangerous or instable regimes
or, in other words, against exceeding n_.‘ and T: max® against
surging, against instable fuel consumption, and other conditions.
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Under othervise equal conditions the maximum thrust of a g8iven
turbojet engine 1s obtsin)d at maximum rpm (maximum air flowrate)
and at the maximum acceptable gas temperature in front of the tur-
bine. Therefore, in order to enaure maximum possible thrust, it ie
necuesary to seintain the mazimum rpm of the engiae and the mazinum
&8s temperature in front of the turbine that is acceptable for it
wher thers is a change in airepeed and alvitude or, in other words,
to accomplish a control schedule corresponding to

L TR T l‘. IS ('2.',

Two gevernors are required to accomplish the control schedule
of & turbojet engines a governor acting on the engine rpm “y means
of varying the fuel input into the combustion chambers (rpm governor)
and & governor acting on the minimum flow ares of the Jet nozsle
(nozsle governor).

A® o rule, modern turbojet engines have a supercritical pres-
sure drop in the fet noszle during atationary operation on the
ground, not only st msaximum rps but frequently aleo at a lower rpa.
A subcritica) pressure drop in the jet nossle of a turbojet engine
At mazxisus rpm in static operation on the ground is obtained only
If the designed compression ratio tenp . ®3.3 and if T2 oax & 1030%K.
But tn thut case a supercritical pressure drop in the jet ncasle
will eet in after only & emall increase in sirepeed and altitude,
or at a Mach nusdber of N" 3 0.20 to 0.)0,

Moreover, as shown in the preceding chapter, the condition
l..l/‘l‘; ® const is satisfied for supercriticsl pressure drops in the
jet nossle. Therefore, if the fuel flow gevernor ensures a constant
rP® when there 1s a change i airepeed and altitude, and {f the com=
pressor work I.. does not depend on the teamperstoure 1‘“ of the air
entering the compressor, so that l\ @ conat, the condition r; -
® const will be satisfied at the same time.

Consequently, tn the particular case vhere there is a super=
critical pressure drop in the jet nusslie and |.,l e const, the control
schedule Ragx = const and ‘I‘: sas ® Const will be ensured by only
one fuel flow governor.

However, 1f the compressor work L. at n = conet depends on
the temperature ‘l‘“ of the air entering the compressor (see figure
134) and, consequently, also on the atrepeed and altitude, the jet
noxzsle area '. auet be changed tn order to keep doth n = const and
T: ® const vhen there is a change b airsgesd and sltitude, even
1f there is & supercritical pressure drop in the jet noazle.

In fact, 1f the compressor wosk I.. decreases with increasing
sirepeed Jor with decreasing altitude (in other words, with in-
creasing ?“) at n e conet, and 1f '. e const, even the tempersture
‘l‘: in front of the turbine must be reduced, according to forwmula
(10.3), in order to mainta‘n n o const, which no longer eatisfties
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the condition for obtaining masieus thrust. Consequently, In that
casc the jet nosgle arean '. sust he reduced in erder te accemplish
Naas ® CONSL ang 'I': max ° €ON9l echedules or, in ether wvorde, the
turbine work Ly ®ust be reduced (1n accordence with the reduction
of l.‘). not by reducing the tesperature r; in frent of the turdbine
but by reducing the gas espansien ratie in the turdine.

Conversely, 1f the compiessor work I.l increases (with tncreas-
ing l‘“) under the conditions indicated above, the teaperature T'
in front of the turbine sust be incresased, accerding te romlo
(10.1), tn orer to Salntalin n e const |f ' ® cone® It is obvieus
that the jet nozale area ' sust be Incn.ood In order te prevent
thie increase of f‘ and Hwo te accomplioh Paas ® COnot and ‘l‘: oax *
e conet schedules undor these circumetances. Otherwise the tempere-~
ture t: €an exreed the acceptable sagnitude.

Thue, to accoeplieh control ochedules at sanrimum thrust, or at
Npar ® €ONSL and ‘l’. max ® €ONSL, turtejet engines with aztal-Flov
coaprecsore in the asjority ef cases require the vee of a jet nosale
with variable ainjeum cross-section area. This nossle aust be “in-.
finitely variable® in order to saintain the n.“ and t: - schedules
accurately; in other words, its eres ' sust be varied graduslly,
alvays tn accordance with the change ln alrepeed end altitude. Heow-
over, such & control of the jet neszle ares significantly complicates
the engine control syetem. Nereover, in the majerity of casee, turdbe~
Jot engines with aztal-flow cempressors shew o comsparatively small
variation of temperature 'l': 1n frent of the turbine when there te
& change 1n airepeed and sltitude at n o const and constant jet
nozzle area.

Therefore, an infinitely vartiable jot nozszle is not veually
eaployed. In certaln cases, where this s necessary, a “estepped®
Jet nossle control wused. But in the Sajority of existing turdo.
Jet engines the net nozzle area 1s not controlled In accordance with
alrepeed ard alttitude.

It followe from the foregeing that the following centrel
schedules can be accomplished vnder a fined Jet nozale areas

[TERTI |

C - T

o (12.2)
and 1, = ¢ony F, ne
(12.3)

The firet of these (ll.?) ie moetly ueed in enfating turbejet
engines, since 1t requires the simplest contral systeoa (one governor
reacting to rpm deviations and acting on the fuel flow) and since
with reepect to results, ®eaning the available maximum thrust of
the turbogjet engine, 1t comes usually close to schedule (12.1).
However, In the case of ochedule (12, 2) the temperature ‘I" in front
of the turbine can rise with increasing alrepeed or ublon! tempera-
ture (due to the associated increase of I‘), which must be taken
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into consideration by selecting the temperature 1‘: for maximum rpm
under standard atmospheric conditions on the ground at V = O,

The second schedule (12.3) 1s more difficult to accomplish
eince it requires the use of a fuel flow governor reacting direct-
ly to the gas temperature ‘l‘: in front of the turbine, while the
temperature field in the gas flow in frontof the turbine is always
characteriszsed by an appreciable and inconstant irregularity., And
the variations in the rpm of a turbojet engine with changing air-
speed and altitude that are possible under achedule (12.3) lead to
& greater degree of poor engine utilization with respect to thrust
than the corresponding variations of the temperature in front of
the turbine under schedule (12.2).

The required control schedule and the profile of the charac-
teristics of a turbojet engine depend to a large degree on the de-
signed compression rattio n"‘ des of the compressor and on the design-
ed air temperatur- Tﬁ des at the compressor inlet, that i{s the
tesmpersture for which the designed regime of the compressor is
established,

As 8 rule the designed regime of a compressor is s0 selected
that it corresponds to the maximum air flow capacity of the compres-
sor at the required stability margin with respect to": (that 1s,
4np = 12 to 17 %),

As we know, the maximum capacity of a compressor is obtained
at the limiting scceptable Mach number N. at the compressor inlet
or, in other wordes, at that Mach number M. er which cannot be ex-
ceeded withcuL .rusing a large drop in compressor efficiency so
that the a'r flcwrate is practically no longer increased (so-called
compressor "choking®). As a rule, M. er is located within the range
from 0.6 to 0.7,

If the air temperature ‘l‘ﬁ at the compressor inlet is reduced
below 1ts designed magnitude Tﬁ dee "t N = const, the rpm parameter
will be increased, and the point that determines the compressor
regime will shift along the operating line of the turbojet engine
in the direction above and to the right of the operating point of
the compressor. As a resislt, the Mach number M. at the compressor

irlet becomes greater than its limiting value N. that corresponds

to the designed regime, and the compressor oﬂ‘ici::cy is greatly
reduced, while small values of"ﬁ des CO7 also result in compressor
surging, as we showed earlier. Consequently, the designed tempera-
ture ‘l‘“ des 1s selected close to the minimum air temperature Tﬁ at
the compressor inlet that is possible during engine operation in
the atircraft.

In that case, the air temperature ‘l‘ﬁ at the compressor inlet
will be increased in comparison to its designed magnitude ‘l‘ﬂ des
with increasing airspeed (or flight Mach number N"). If n =« const
is maintained during this process, the Mach number M. at the com-
pressor inlet will become smaller than H. cr %% & result of the
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reduction in the rpm parameter and the resulting shift of the
compressor regime to the left and downward along the operating
line of the turbojet engine. The decrease in the Mach number M.
in turn leads to a reduction of compressor capacity, so that the
air flowrate and, consequently, the thrust of the engine as well,
become less than they could be if M. cr ® const were maintained
(curve 1,1 in figure 140),

However, in turbojet engines intended for comparatively slow
supersonic airspeeds the temperature Tﬁ at the compressor inlet
will not’ increase that much with increasing airspeed, so that the
rpm parameter and, accordingly, the Mach number H. are reduced to
a relatively small degree at n = const. Thus, for instance, if
the flight Mach number MH is increased to as much as 1.8 to 2 at
an altitude of t1 km, the rpm parameter will be reduced by only
12 to 14 %, and the Mach number M, to about 20 to 25 %, depending
on the designed compression ratio of the compressor., Therefore,
using the control schedules (12.1) and (12.2) that ensure a constant
rpm with changing airspeed and altitude at low values of Tﬁ des’
will yield completely satisfactory results for this type of engine.

The temperature ‘l‘ﬁ at the compressor inlet of turbojet engines
intended for fast supersonic airspeeds will change within broad
limits. Therefore, at maximum and close to maximum airspeeds the
rpm parameter will be reduced significantly at n = const and for
a low value of Tﬁ des’ resulting primarily in a large reduction of
H. and of compressor capacity (point 1 in figure 140). This will
already reduce the maximum thrust value significantly, so that the
compressor flow areas must be increased (to increase the air flow-
rate) in order to provide the required thrust at fast supersonic
airspeeds, and consequently, the compressor weight will increase.

®m 0 B 70 23 q0 Hy

Figure 140: Relative variation of the air flowrate
through a turbojet engine with changing flight Mach
number M (1.1 - na=s const;] 2,0,1 = combined control
schedule’ 3,0,1 « F, = const).
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Moreover, if the rpm pare/-me:er of a turbojet engine with a
significant designed compression ratio "f‘ des is greatly reduced,
the stability margin, as we know, will decrease with decreasing
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rpm, and compressor surging will develop, requiring special controls
in the compressor (for instance, with the aid of pivoting blades in
some stages).

One of the possible means of increasing the compressor capacity
and, consequently, of increasing the thrust, reducing the compressor
weight, and preventing compressor surging at fast supersonic air-
speeds, is to design the compressor for maximum capacity at maximum
airspeed, that is at My max (point 3 in figure 140). For this pur-
pose the designed air temperature T#

H des
must be equal to the air temperature Tﬁ that corresponds to the

at the compressor inlet

maximum flight Mach number M'H max®

However, in that case it already becomes impossible to maintain
the engine rpm constant with decreasing flight Mach number M" since
the rpm parameter is increased as a result of the reduction of inlet
atr temperature, and since the Mach number Mﬂ at the compressor in-

let is increased and exceeds its limit value M‘ Compressor

cr’
"choking” and a sharp drop in compressor efficiency are the result.

Compressor surging is poasible, too, if 0 is a small value.

k des
Consequently, the engine must be controlled so that the Mach

number Ma at the compressor inlet will not remain above its limit-

ing value at less than maximum airspeeds (curve 3,0,1 in figure 140),

For this purpose the control schedule
n
—V]_;;—coust, F, = copst, (12.4)

can be used where it also applies, of course, that T:/Tﬁ = const so
that the point which determines the compressor regime in the field
of compressor characteristics will not shift with a change in the
flight Mach number My (in the tﬂperatura Tﬁ) or, in other words,
80 thatmy ., _ = const and GaVTﬁ/P; = const are maintained.

In order to ensure this control schedule (12.4) the engine
rpm must be reduced in proportion to VT_ﬁwith decreasing eirspeed,
resulting in a reduction of the gas temperature ’l‘; in front of the
turbine that is proportional to Tﬁ. But a reduction of rpm and
temperature in front of the turbine with an accompanying significant
reduction in the air flowrate {curve 3,0,1 in figure 140) results
in a sharp reduction of thrust at slow airspeeds and particularly
under conditions of takeoff and acceleration of the aircraft, that
is at the very moment when a maximum of excess thrust is demanded
of the engine. This is the very considerable disadvantage of de-
signing a compressor for maximum capacity at high supersonic aire-
speed and of the associated control schedule (12.4). The sharp re-
duction of thrust in this case can be prevented to a significant
degree if T: = const is maintained at the same time with
and Fe = const. However, for this purpose it is necessary to control
the area of the turbine nozzle assembly, FNA' which is associated
with significant design complications.
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For these reasons . combined control schedule is more advan-
tageous from the point of turbojet engines intended for fast super-
sonic airspeeds, a schedule representing a combination of schedule
(12.1) or (12.2) with schedule {12.4).

This type of combined control schedule can be accomplished in
the case where the Mach number Mu at the compressor inlet is lower

at maximum airapeed (at M, max) than its limiting value M_ (point

2 in figure 140). For this purpose the designed air temper:ture

Tﬁ des at the compressor inlet is selected lower than the air tempera-

ture Tﬁ obtained at MH .

minimum temperature Tﬁ that is possible under operational conditions.
This will make it possible to accomplish, initially, the con-

trol schedule (12.1) or (12.2) at decreasing flight Mach number M,

or, in other words, to maintain the rpm constant until the Mach

sy but at the same time greater than the

number Maat the compressor inlet reaches its limiting value M

a cr
as a result of the reduction in air temperature from Tﬁ e x to
T des (point O in figure 140). Subsequently, as the flight Mach
" .
number M, continues to increase, the V}_..=cun>l and F_ = const con-
"

trol schedule sets in already, and the limiting Mach number M- cr
that is reached at the compressor inlet is kept constant.

It is readily noted that with the transition from control
schedule (12.4) to this combined schedule the compressor capacity
and, consequently, the thrust of the turbojet engine as well, are
reduced at maximum airspeed and under otherwise equal conditions,
but on the other hand the thrust can be increased considerably
during take-off and at slow airspeeds.

Under reduced thrust regimes or throttled regimes the primary
task of the controls of a turbojet engine is to ensure maximum
economy or, in other words, a minimum of specific fuel consumption.

Under given environmontal conditions the thrust of an exist-
ing turbojet engine can be reduced by different means, for imstance
by reducing the rpm at constant jet nozzle area, by reducing the
gas temperature in front of the turbine at n = const, by reducing
the rpm at ‘l‘; = const, and by other means.

We know that each combination of compression ratio and ef-
ficiency of a compressor corresponds to an optimum gas temperature
in front of the turbine of a turbojet engine, a temperature where
a minimum of specific fuel consumption is obtained.

But at the maximum rpm of a turbojet engine the temperature
in front of the turbine is not established at the optimum level
from the point of minimum specific fuel consumption, but at a
higher, limiting acceptable level for the turbine., This is done
in order to obtain the maximum possible specific thrust that is
requirad to reduce the specific weight and drag area of the engine.
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Reducing the thrust of a turbojet engine by means of reducing
its rpm at F. = const will lead to a rapid drop in compression
ratio as well as to a considerable drop in compressor efficiency,
if the designed compression ratio is significant. At the same time,
for each new, reduced equilibrium rpm the associated temperature
in front of the turbine will be ‘l‘: < T; max’ ®8tablishing the
equality I"I‘ - Lk of turbine work and compressor work. The magnitude
of this temperature will not always correspond to its optimum value
for given values of ﬂ; and nk from the point of minimum specific
fuel consumption. Therefore, controlling the magnitude of the thrust
of a turbojet engine by means of changing the rpm (the fuel flow at
Fo = const) is not always best from the point of economy, although
it 1is widely used because of its simplicity.

Reducing the thrust of a turbojet engine by means of reducing
only the gas temperature in front of the turbine requires an in-
crease in jet nozzle area in order to keep the rpm constant. Some =
times this can achieve a better combination of temperature in front
of the turbine and compression ratio than the Preceding technique,
80 that the economy of the engine at reduced thrust regimes is in-
creased. However, it must be kept in mind that, 1if the temperature
T; is reduced significantly at n = const, 3!19 equilibrium regime of
the turbojet engine, shifting along the VTTM‘OHSL line, can prove
to be located in the area of appreciably reduced values of compres -
sor efficiency and, in addition, it is not impossibie for the tur-
bine efficiency to be reduced, too, Consequently, where this means
of reducing the thrust is used it is usually combined with the pre-
ceding technique so that, initially, the thrust 1s reduced by means
of reducing T4 at n = const (F. is increased), and subsequently by
reducing the rpm at r. = const.

Also in a number of cases an increase of jet nozzle area and
a reduction of rpm of a turbojet engine for the purpose of reducing
its thrust ise advantageously combined with & control of the compres-
sor (for instance, with the aid of pivoting blades in the straighten-
ing rigs) that Prevents the considerable drop in compressor efficiency
which is possible here; this technique is used in some turbo jet
engines.

Reducing the thrust of a turbojet engine at reduced rpm and
1‘: = const involves a reduction of the air flowrate and the compres-
sion ratio of the compressor. In that case the Jet nozzle area l‘.
must be reduced in order to maintain T: = const. But as a rule, a
reduction in the compression ratio and efficiency of the compressor
at ‘l‘: = const will lead to a significant increase of specific fuel
consumption. Moreover, if T; = const, the temperature regime will
remain almost as strained at reduced thrust as it is under maximum
thrust., Consequently, a transition to a reduced thrust regime at
T: = const has no practical application,



RA-017-68 224

3. Throttling Characteristics of Turbojet Engines

The throttli characteristics of a turbo et engine are defined
as the dependencies of thrust and specific fuel consumption on rpm
at a given airspeed and altitude. As a rule, the following engine
regimes are recorded for these characteristics or mentioned with
reference to them.

1. The maximum power regime, that is the maximum acceptable
rpm, n x' and its corresponding maximum thrust P a

ma, max
uninterrupted, but temporary engine operation (uaually not more

where reliable,

than 5 to 10 min) is guaranteed. This regime is used for take-off,
sometimes for aircraft acceleration, for reaching maximum altitude,
a8 well as for a temporary increase of airspeed,

com S "max "’
and its corresponding rated thrust where a longer and more reliable

2. The rated power regime, that is the rated rpm, n

engine operation (without interruption for a period of not less than
30 min) is guaranteed. When the engine operates on a test stand,

noom ™ (0.96 to 1.o)nmx, and P % 0.9 Poax’
for extended climbing and for flight at close to maximum airspeed.

This regime is used

3. The cruising power regime, that is the rpm reduced to n =
= 0,9 Moax under test stand conditions and its corresponding thrust
Poruise = (0.70 to 0.75) Plax®
and reliable engine operation over its established period of ser~

This regime guarantees uninterrupted

vice (service life). This regime is frequently called the maximum
cruising power regime. In addition, an even more reduced regime
is frequently recorded, that is the rpm corresponding to a thrust
of about (0.5 to 0.6) P lax Under test stand conditions. Cruising
power regimes are used for flights at great endurance or long range.
4. The low throttle regime or low throttle rpm, e that is
the minimum rpm where the engine can still operate at complete sta-
bility. The engine thrust at low throttle rpm must not exceed )
to 5 % of maximum thrust to ensure that the rolling distance of
the aircraft in a power landing will not be increased. The low
throttle rpm of modern turbojet engines under ground (test stand)
conditions amounts to (0.2 to o'k)nmax'
of the uninterrupted operation of a turbojet engine at a low throttle
regime is limited to some degree because of the reasons mentioned

As a rule, the duration

in the preceding chapter,

The specific fuel consumptions established for a given engine
and guaranteed by the manufacturer are indicated for all the regimes
listed above (with the exception of low throttle).

Typical rpm characteristics acquired on the test stand for one
of the existing turbojet engines with Pe = conat are shown in figure
141, It is seen that engine thrust decreases rapidly with decreas-
ing rpm, while the specific fuel consumption slightly decreases at
first and subsequently increases rapidly. Let us consider the causes
for these rpm profiles of the thrust and specific fuel consumption
of a turbojet engine with Fe = const,
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Figure 141t Throttling characteristics of a
turbojet engine,

The compression ratio, and consequently the efficiency of the
compressor as well, decrease with decreasing rpm of a turbojet engine.
Also, the gas temperature in front of the turbine decreases during
this process and begins to rise only at rpm values comparatively
close to idling rpm. The reduction in ﬂr(. ﬂk' and temperature in
front of the turb ne causes a reduction of g£as exhaust velocity
from the jet nozzle and, conssquently, of specific thrust, too (see
figure 142); during this process the specific thrust continues to
decrease with the transiticn to low rpm where the temperature T:
already begins to increasa., This is due to the determinative ef-
fect of the reduction innf‘ {and, consequently, alsoc of ¢

J.n)' "ko
and n.r on specific thrust.
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Figure 142: Dependence of the specific thrust of a
turbojet engine on rpm.

Since the air flowrate through the engine decreases with de-
creasing rpm, the thrust will drop at a faster rate in this case
than the specific thrust. A 1 % reduction in rpm under test stand
conditions will reduce the thrust of a turbojet engine by about
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3 to 4 4. As the rpm is reduced its sffect on thrust becomes less.
However, under airborne conditions the effect of rpm on the magni-
tude of turbojet engine thrust becomes significantly greater.

The nature of the rpm variation of specific fuel consumption
is determined by the dependence of specific thrust and the excess
of air coefficient on rpm, since c!p = 36oo/u1°pap.

A reduction of specific thrust at reduced rpm will cause an
increase in specific fuel consumption.

However, the temperature difference (1‘: - T"':) and the heat re-

lease coefficient gc and, consequently, the excess of air coef-

ficient 1 that depend: on these magnitudes, will change at varying
degrees for the same relative rpm reduction in different engines.
This is primarily due to the differences in the characteristics of
the compressors and combustion chambers used. To illustrate this,
figure 142 shows the dependence of the difference (T; - Tl‘:) and
coefficient 2 on the rpm for two engines with different values of
designed compression ratio. For the same two engines, figure 142
shows the rpm variation of ng and the ratio I/cv.l’s that is pro-
portional to specific fuel consumption, It is seen that, if the ex-
cess of air coefficient increases significantly with decreasing rpm,
the magnitude l/u.Psp and, consequently, Csp as well, in spite of the
reduction of specific thrust involved here will first decrease
appreciably and subsequently increase, but at a slower rate than
the specific thrust decreases. However, if the excess of air co-
efficient changes little with decreasing rpm, the specific fuel
consumption Cl‘p will rise at about the same rate as the specific

thrust decreases.
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Figure 1431 Determination of the dependence of C

on the rpm of a turbojet engine. sp

The rpm characteristics of a turbojet engine with Fe = const
and with an axial-flow compressor controlled by bypassing part of
the air into the atmosphere have a slightly different profile than
the one described above. Theae characteristics are shown in figure
144, It is seen that the thrust of the engine is reduced immediately
and the specific fuel consumption increased at the rpm value of
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nbyp where the bypass ducts open sothat part of the air can be pasased
from the compressor into the atmosphere. 1In this case the reduction
in thrust is a direct result of the reduction in the gas flowrate
through the turbine and, consequently, through the jet nozzle as

mr b

well. I

S U
/' Fumr
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Figure 1443 Throttling characteristics of a turbojet
engine with air bypass from the compressor.

In spite of the increase of the temperature T; in front of
the turbine that is involved, the specific thrust (referred to the
air flowrate through the turbine) and, consequently, the temperature
T5 in front of the jet nozzle as well, will practically not change
since the gas expansion ratio in the jet nozzle is reduced at the
same time as a result of the decrease in the compreasion ratio.
And the increase in specific fuel consumption when air is being
bypassed from the compressor is due to the increase in the tempera=-
ture in front of the turbine and the simultaneous reduction in the
compressor compression ratio, resulting in a reduction of the excess
of air coefficlent a.

The profile of the rpm characteristics of a turbojet engine
with a triple step variation of the jet nozzle area F’ is shown
in figure 145. In this case the thrust is initially reduced at
Max * const as a result of a reduction of the temperature in front
of the turbine, which is accomplished by increasing the jet nozzle
area over its designed magnitude FQ that corresponds to maximum
thrust, to FO' < F. des’
slightly reduced since a more favorable relationship between tempera-

ture in front of the turbine and compressor compression ratio is ob-

des
Here the specific fuel consumption is

tained. As the engine rpm is decreased further at Fel = const, the
thrust is reduced, too, and the specific fuel consumption drops a
little more anc then rises rapidly. At reduced rpm nbyp the jet
nozzle area is increased a second time to F.z < Fe‘.in order to
increase the surging margin. Consequently, the thrust decreases
again because of the reduction of the temperature in front of the
turbine at n =« const. But in this case the relationship between
temperature in front of the turbine and compressor compression ratio
becomes less favorable, and the specific fuel consumption increases.
Subsequently, a further reduction of thrust and the transition to
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the low throttle regime is accomplished by reducing the rpm at
l‘az = const, and in that part the rpm characteristic has the pro-

file described above.
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Figure 145 Throttling characteristics of a turbojet
engine with triple-step variation of the Jet nozzle area.

b, Air d Char r, s _of Turb

The airspeed charscteristics of A _turbojet engine are defined
as the dependencies of thrust and specific fuel consumption on the
airspeed (flight Mach number MH) at a given altitude and for the
control schedule selected for the engine.

Typical ajirspeed characteristics of a turbojet sngine with an
n = const and 1‘: = const control schedule are shown for different
altitudes in figure 146, where the values for the thrust, Po, and
the specific fuel consumption, C.p o’ obtained during static engine
operation on the ground (V = 0), are assumed to be equal to one.
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Figure 1461 Airspeed characteristics of a turbojet
engine for n =« const and ‘l‘: = const.
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It is seen from figure 146 that, if the airspesd ts increaned
at n = const and ‘I': s const and at a siven altitude, the thrust of
the turbojet engine at first decreases slightiv, subsequently tn-
creases, and after reaching a certain maximum decreanes again, down
to a value of zero. The specific fuel consumption increases cone
tinuously with increasing airspaed.

This nsture of the dependernice of thrust on airspeed is dunr to
the following causes.

The velocity head compression ratio increases with increasing
flight Mach number H". At the samo time the compressor compression
ratio decreases as a result of the increase in the air temperature
Tﬂ At the compressor inlet and because n e consi. But the effect
of the velocity head compression ratio is always predominant in this
case, 80 that the overall compression runo"; increanses with in-
creasing Mach number "H (ntr.po.d). Ae¢ a result, the air pressure
p: behind the compressor and, consequently, the gas pressure p: in
front of the turbine and ps at the turbine outlet are increased.

An increase of the pressure p: in front of the turbine at
‘l‘: e const will result in an increase of the sair flovwrate through
the engine. At the same time the gas expansion retio in the Jeot
nozzle will increase as a result of the increase i{n pressure behind
the turbine, so that the gas exhaust velocity froe the jet nozzle
is increased (in the case of a converging nossle, up to the moment
when a critical pressure drop is established in the nozzle). how-
ever, as it can be seen from figure 147, the gas exhaust veloctity
L from the jet noszle increases at a slover rate thaa the airspeed,
80 that the velocity difference and, consequently, the specific
thrust that is proportional to this difference, decrease with in-
creasing airspeed.

|
[

’
Figure 147: Dependence of the gas exhaust velocity
from the jet nozsle of a turbojet engine on the air-
speed.
The temperature at the compressor outlet increases with in-
creasing airspeed at n =« const (due to the incresse in r“). while
TS = const, su that the temperature difference (T; - T:) and, ac-
cordingly, the quantity of heat added to one kg of air tin the engine,
are reduced. This is aleo the cause for the decrease of epecific
thrust when the airspeed increases. At high alrspeed the temperature
difference (1‘: - T&) and the quan’ity of heat input that s determined



RA=017-68 250

by it can become 30 small that this heat will be sufficient only
to cover the losses in the engine, and in that case the epecific
thrust becomes equal to smero. 1t i obvious that the airspeed
where the specific thrust and, consequently, the thrust of the
engine become equal to zero, will increase with tncreasing gas
temperature in front of the turdine; under otherwise equal condi-
tions.

Thus, if the temperature in front of the turbine remains
constant at increasing airspeed, the veight flowrate of air through
the engtne will increase, wvhile the specific thrust will decrease

(see figure 148).
P
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FPigure 14%;: Relative variation of the specific
thrust and air flowrate of o turbojet eigine with
changing airspeed.

In the beginning, as the airepeed increases, the air flow-
rete will increase at a slower rate than the specific thrust de-
creases, and the thruet of the eungine will be reduced. Subsequent-
1y, the increase in the atr flowrate begins to predominate over the
reduction in specific thrust, and the thrust of the engine will in-
cresse. Pinally, when there is & very great increase in airspeed,
the specific thrust is reduced so significantly that this reduction
is no longer compensated by the additional ircrease of the air
flowrate, and the thrust of the engine begins to decrease rapidly.

In order to explatn the causes for the (ncrease of specific
fuel consumption with increasing airepeed we can use the known ex-
pression C. - J600/JI°P.’ o from which 1t follows that the speci-
fic fuel consumption must change inversely proporttional to the pros
duct 1'.’.

Stnce the temperature difference (1‘: - Tn) decreases with {n.
creasing airspeed, the excess of air coefficient 1 will increase.
But since the decrease of specific thrust is more significant, the
product 1'. will continue to decresse in spite of the increase in
2 (see figure 149), which aleo leads to the continuous increase of
epecific fuel conaumption mentionsd above.
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Figure 149: Relative variation of n and Py

with changing airspeed. P

The total fuel consumption per hour, Gfuel' must also increase
with increasing airspeed, since the air flowrate through the engine
increases so that the fuel flow into the combustion chambers must
be increased in order to heat it to the required temperature T;.

At the same time, when the airspeed is increased the required fuel
consumption Grunl will increase at a slower rate than the air flow-
rate G. through the engine, since the excess of air coefficient a
increases during this process, and Gtuel = Ga/“’o'

Consequently, the specific fuel consumption will actually in-
crease with increasing airspeed because the fuel consumption per
hour increases while the thrust of the engine is decreased during
this process, and if it does increase it will rise at a lesser rate
than G, . (due to the reduction of P’p).

However, it must be taken into consideration that an increase
of specific fuel consumption with increasing airspeed does not at
all indicate a simultaneous deterioration of heat utilizaticn in
the engine.

From the point of effective utilization of the consumed heat
the economy of a turbojet engine in flight is determined, as we

showed earlier, by the value of economic efficiency f‘e n which is

equal to the product of effective efficiency Ne 8nd prz;ulsive ef-
ficiency r ,» that is the relative magnitude of that part of the
consumed t that is converted into external work performed by
the thrust “orce.

The dependence of economic efficiency = and, separately,

of '\° and n_ on the airspeed at T: = 1200°k :c::nst, is shown in
figure 150. It is seen that these efficiencies and, consequently,
the economy of a turbojet engine, increase with increasing airspeed
and begin to decrease only after a very high airspeed is reached

(the propulsive efficiency decreases continuously),
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Figure 150: Dependence of the efficiencies of a
turbojet euagine on the airspeed.



RA<017-68 232

The increase and subsequent decrease of effective efficiency
with increasing airspeed that is noted in figure 150, is due to
the following causes.

The pressure in front of the turbine increases with increasing
alrspeed, so that the overall expansion ratio of the combustion pro=
ducts in the engine after yielding their heat is increased. This
contributes toward improved heat utilization in the engine and,
consequently, toward an increase of ﬂe'

On the other hand, since the quantity of heat added to one kg
of air decreases with increasing airspeed at T; = const, due to
the reduction of the difference (T: - Tﬁ). the relative portion
of this heat that is used to cover the losses in the engine will
tncrease, which contributes to a reduction of "e'

In the beginning the first cause will play the decisive role,
and the effective efficiency will increase with increasing airspeed.
Subsequently, when the airspeed becomes very significant, the re-
duction of the heat input will have the predominant effect, and ﬂe
will decrease.

The increase of propulsive efficliency with increasing airspeed
1s due to the fact that the exhaust velocity S increases at a
slower rate than the airspeed, that is the ratio ce/V is reduced
and, therefore, the unconsumed kinetic energy of the flow (ca-V)z/Zg,
is reduced.

If the airspeed is increased at a given altitude, the velocity
head VHVZ/zg of the air flow entering the engine will increase, so
that the pressure and density of the air inside the engine will
increase at n = const. Therefore, the mechanical loads on the
compressor and turbine blades and on the casings of all engine
elements will increase. Moreover, as a result of the increase in
the weight flowrate of air through the engine the turbine power and
the compressor capacity, and at n = const also the shaft torque,
will increase, Consequently, the maximum limiting airspeed up to
which reliable utilization of a turbojet engine from the point of
strength is possible at n = const for a given altitude, is limited
by the magnitude of velocity head VHV2/2g that is acceptable in
this respect. It is obvious that the acceptable airspeed, limited
by the strength of the engine parts, will increase with increasing
altitude. To exceed the limiting airspeed for a given turbojet
engine is possible only at a corresponding reduction of rpm (and,
consequently, of "i and”;), ensuring the necessary strength margins
for the engine parts. But in that case the thrust of a turbojet
engine will decrease sharply, and the specific fuel consumption
will increase. As an exmaple, in figure 146 these limiting airs
speeds are indicated by dotted lines on whose right-hand side
those parts of the characteristics of a turbojet engine at n = const
are located that can practically not be utilized because of an
Lnacceptable increase of mechanical stresses in engine parts.
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Figure 151; Velocity characteristics of a turbojet
engine for three control schedules:
| = n = const and T* = const; 2 - n/\/Tﬁ = const and
Pe = const; 3 - cofibined schedule,
The profile of the airspeed characteristics of a turbojet
"

engine with an Voot ang F, = const control schedule is shown
in figure 151 (for H = 11 km). In this case the engine thrust
increases continuously at a fast rate up to an airspeed correspond-
ing to a Mach number MH des ® 2:8 in this example that is the de-

signed value for the compressor; in other words, it increases to

). As we already know, this type of uninterrupted increase

of thrust with airspeed under this control schedule is the result
of the simultaneous increase of rpm (the air flowrate increases at

a faster rate than for n = const) and gas temperature in front of
the turbine (80 that the specific thrust increases, too) reaching
their maximum values only at maximum airspeed. For comparison the
airspeed characteristics of a turbojet engine with an n = const

and T: a const control schedule and of a turbojet engine with a
combined control schedule are plotted in the same figure 151 for

a designed compressor air temperature Tﬁ des COrresponding to a
Mach number of MH des ™ 2+ All the characteristics that are com-
pared here refer to engines having, at maximum airspeed (MH = 2.8),
identical magnitudes of thrust, temperature in front of the turbine,
T: des = 1,500°K., and compression ratio, m ; des ™ 4, It is seen
that the V?f =consl gpg F° = const control schedule actually leads
to the very significant reduction in thrust at slow airspeeds that
was mentioned at the beginning of this chapter, compared to the

N = const and T: = const control schedule, while the combined
schedule yields an intermediate result in this reapect.

5. Altitude Characteristics of Turbojet E: ines
The altitude characteristics of a turbojet engine are defined
as the dependencies of thrust and specific fuel consumption on the

altitude at a given airspeed and for the control schedule selected
for the engine,
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Typical altitude characteristics of a turbojet engine with
T; des = 1.200°K and"ﬁdeS = 7 (ut M" = 0) and with an nmax = const
and T; max = ©€Oonst control schedule are presented for different
airspeeds in figure 152, The values of thrust and specific fuel
consumption obtained under ground conditions (H = O and V = 0) are
assumcd to be equal to one.

It is seen that the engine thrust decreases continuously with
increasing altitude at V = const. This i~ due to the reduction in
the weight flowrate of air through the engine as a result of the
decrease in the density of atmospheric air with increasing altitude.

Figure 1521 Altitude characteristics of a turbojet
engine.,

But the ambient air temperature TH decreases with increasing
altitude up to 11 km, resulting in an increase of both. velocity
head compression ratio and compressor compression ratio at n =
= const and V = const and, consequently, in an increase of the
overall compression ratio, Therefore, when the altitude is in-
creased, the pressure p; in front of the turbine and the pressure
P, behind the turbine are reduced at a slower rate than the pres-
sure py of the atmospheric air, so that the weight flowrate of air
through the engine at T; = const is also reduced at a slower rate
than the ambient air pressure.

Moreover, since the ambient air temperature decreases with
increasing altitude, the temperature at the compressor outlet de~
c¢reases accordingly at V = const and n = const, and the temperature
difference (T; - Ti) increases at T2 = const, that is the quantity
of heat added to one kg of air in the combustion chambers increases.
is a result, and also due to the increase in the overall compression
ratio, the effective efficiency of the engine ts increased. The
increase of effective efficiency and of the quantity of heat input
in the engine in turn causes an increase in the £As exhaust wlocity
from the jet nozzle (the pressure behind the turbine, Py decreases
at a wlower rate than the atmospheric presasure Py and sj.n in-
creases), resulting in an jncrease of specific thrust with increans-

ing altitude at V = const,
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As a result of these causes the engine thrust decreases at a
slower rate than the density of the ambient air, up to an altitude
of 11 km.

Atmospheric air temperature does not change at altitudes above
11 kmj therefore, the overall compression ratio and the specific
thrust remain constant under the control schedule under considera-
tion, and the engine thrust varies proportionally to the density of
the ambient air,

The specific fuel consumption decreases up to an altitude of
11 km. This is due to the increase in specific thrust. But at
the same time the excess of air coefficient is reduced (see figure
153) as a result of the increase in the temperature difference
(T; - Tl:)' Therefore, up to an altitude of 11 km the specific fuel
consumption decreases at a lesser rate than the specific thrust
increases,

At altitudes above 11 km the specific fuel consumption remains
constant so that at these altitudes not only Pa = const but also
the temperature difference (T; - Tﬁ) will remain constant, and,

consequently, 0 = const, too.
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Figure 1533 Relative variation of the excess
of air coefficient a and of Psp with changing
altitude.

Figure 154 shows the dependencies of the engine efficiencies
necon' ne. and np on altitude at constant airapeed and for the same
initial data used for the graph in figure 152,

It is seen that the effective efficiency increases significantly
with increasing altitude up to 1! km, because of the reasons mentioned
above. The propulsive efficiency decreases during this process.
This is due to the fact that the gas exhaust velocity from the jet
nozzle increases, as we explained above, while V = const and, conse-
quently, the velocity ratio ce/V is increased, that is the remaining
unconsumed kinetic energy in the flow, (ce - V)z/Zg, is increased,
again resulting in a reduction of n_,

However, in this case the reduction of propulsive efficiency
is more than compensated by an increase of effective efficiency, and
the economic efficiency “econ will increase, as seen from figure 154,

Thus, under otherwise equal conditions the economy of a turbo-
Jet engine will increase with increasing altitude.
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Figure 154: Dependence of the efficiencies of a
turbojet engine on altituds.

6. The Concept of Turbojet Engine Characteristics in Similarity

Parameters

Similar regimes of a turbojet engine as a whole, as well as of
the compressor (and turbine) 1in particular, are defined as regimes
where a dynamic similarity of the gas and air streams flowing through-
the engine 1is encountered, that ia a similarity with respect to
pressure, friction, and inertial forces that can be accomplished
only if the flight Mach number and Reynolds number (Re) are equal
in all simitar cross-sections of comparable streams. Dynamically
similar streams are geometrically and kinematically similar at the
same time. Therefore, similar regimes can exist not only for a
glven engine, if its flow section geometry is constant, but also
for a family of geometrically similar engines, that is engines where
all the similar dimensions are proportional. In the majority of
cases the Re numbers in the flow section of a turbojet engine have
values (so-called supercritical Re numbers) where the friction force
has a very small effect on the flow characteristics of the gas stream.
Therefore, as a rule the equality of only the Mach numbers is entirely
adequate for satisfying the similarity of the regimes of turbojet
engines, as this is done below. Let us assume that, during turbojet
engine operation at very great altitudes and at relatively slow air-
speeds, the Re numbers in the flow section of the engine are signi-
ficantly reduced due to low inlet air density, reaching their sub-
critical values. In these cases the friction force already has a
considerable effect on the flow of the gas streams, and since the
equality of the Re numbers is not satisfied the similarity of the
streams is violated, which can lead to considerable errors. But this
is a special problem that is not discussed here.

In addition, it is assumed in approximation that undsr aimilar
regimes of turbojet engines the heat losses in the combustion chambers
(gc.c) are identical, and that the specific heat of the combustion
products (and the air) is not dependent on their temperature and
composition. These assumptions do not result in appreciable errors
and simplify the calculations considerably.

All mngnitudes whose numerical values remain constant under

similar regimes of turbojet engines are called simllaritx parameters

of turbojet engines.
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It is established that there are two independent, doterminative
similarity parameters for turbojet engines wigp Fe = const: the
flight Mach number M" and the rpm parameter iyﬂ'. that is propor-
tional to the Mach number Mu determined with respect to the circume

ferential velocity of the rotor of a turbojet engine. This means

that, if the values MH and sz remain constant during any change
in the operating conditions of a turbojet engine (rpm, airspeed, and
altitude, atmospheric conditions, temperature in front of the turbine,
and others), the regimes of the turbojet engine remain similar, It

is obvious that only one determinative similarity parameter, V;H' »
remalns during static turbojet engine operation, where MH = 0.

It is proved in the technical literature that the ratio F/pﬁ
between engine thrust and totatl air pressure, called the thrust
parameter, and the ratio Csp/lng hetween specific fuel consumption
and the stagnation temperature of the air, called the specific fuel
consumption parameter, remain constant under similar regimes of a
turbojet engine. Also, it can be shown that the temperature ratios
(for instance, T;/Tﬁ and T;/Tﬁ) and pressure rntios(nn = pﬁ/p:) and
all the efficiencies of an engine remain constant under similar
regimes of turbojet engines.

Using the dependencies explained above it {s possible to reduce
significantly the number of the characteristics of a turbojet engine
that are required to determine its thrust and specific fuel consump~
tion under different flight conditions and rpm.

Thus, for instance, if the rpm characteristics of a turbojet
engine that are applicable only for certain atmospheric conditions
(that is Py and TH) are plotted in the form of dependencies of
P/Pﬁ and Csp/\ffﬁ) on n/\fEE, they will become applicable for any
atmospheric conditions at M, = const(and also at My o= 0).

A great number of airapeed and altitude characteristics of a
turbojet engine that refer to different rpm values can be reduced
to a small family of curves expressing the dependence of P/pﬁ and
Csp/VTﬁ on the flight Mach number M, and the n/V~T§ parametor,as
shown in figure 155,

|

Figure 155: Turbojet engine characteristics in similarity
parameters.

The dependencies of the thrust and specific fuel consumption
parameters on the flight Mach number MH and the rpm parameter are

called turbojet sngine chnrnctnristicsvin aimilar!tx parameters.
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It must be kept in mind that the characteristics in similarity
parameters can be plotted only for turbojet engines where the 800~
metry of the flow section of all engine elements remains constant
(that ts, Fe = const and FNA = const, and no pivoting blades, and
the like) or where a variation of this geometry is uniquely depen-
dent on the parameters n/\/?i-.nd My

Having the characteristics of a turbojet engine in similarity
parameters we can readily plot from them the airspeed or altitude
characteristics of the engine for any given rpm or rpm character-
istic at the given airspeed and altitude. For instance, if it is
necessary to plot the airspeed characteristics at n = const and H =
= const, and given the different values for the airspeed V, the
corresponding values are determined for the given altitude:

Pym pgt L4 00,

Subsequently, the values P/Pﬁ and Cap/\/Tﬁ are found on these
characteristics, and the actual thrust P and specific fuel con-

sumption csp are determined from them.

7. Reducing the Results of Turbojet Engine Tests to Prescribed

Conditions

Using the concept of the similar regimes of a turbojet engine,
the task of reducing test stand results to prescribed atmospheric
conditions can be solved with sufficient accuracy and simplicity.

This task consists of determining, on the basis of data ob-
tained through turbojet engine tests under any atmospheric condi-
tions, the data that the engine would have if it operated at the
prescribed rpm, but under standard atmospheric conditions, that is
at P, = 760 mm mercury column, and Ty = 288°k (+ 15°C), or under

any other conditions,

Let us suppose that a turbojet engine was tested on a tesat
stand at an atmospheric air temperature de and barometric pres-
sure Pmd and at a certain rpm, nad* The thrust measured during this
test was equal to Pmd' and the specific fuel consumption was C.p md*

In order for this engine to operate under standard atmospheric
conditions at a regime that is similar to the test regime, only one

condition must be satisfied (since M, = 0)1

ncor/Vzas ] nl‘lld/ del

whence

Nop ® nde2887de (12.5)
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where Door is the corrected rpm of the engine.

In order to determine the corrected thrust pcor that this
engine would generate if it operated under standard atmospheric
conditions at the corrected rpm, Bort Yo Use the condition of the
equality of the thrust parameters under similar regimes of turbojet

engines, that is

p<:ox'/760 = Pmd/pmd

whence

Peor ® 760/Pmd Prna*
Furthermore, from the equality of the specific fuel consumption

parameters for these two similar regimes of the turbojet engine,

cup cor/\' 288 = csp md/L Tlnd

we determine the corrected specific fuel consumption, Cap cor’ that

or and rpm "cor found above, that is,

cup cor © csp md V 288/de'

Subsequently, equating the air flowrate parameters and the

corresponds to the thrust Pc

products of thrust parameters and specific fuel consumption para-
meters for the samc similar regimes of the turbojet engine, we can
obtain the following formulas:

Gn cor ™ Ga md 7‘sc'/l’md V‘rmd/288

Gt‘uel cor Gfuel md 76°/Pmd v 288/de

where G. cor is the corrected air flowrate;
G

fuel cor is the corrected fuel consumption per hour, that is

the air flowrate and specific fuel consumption that
would be encountered if the given engine operated
under standard atmospheric conditions and at an rpm

equal to Boor®

The formulas for determining the corrected values of any
turbojet engine parameters can be obtained through this approach.
Thus, for instance, the formulas for the corrected gas temperatures

in front of the turbine, T: cor' and behind the turbine (1n the jet

nozzle), T4 .op® ATe obtained from the conditions T:/To = const
and Ts/‘l‘o = const for similar regimes; these formulas are

T: cor * T; md 288/de
and

TS cor " T8 ma 288/de'

The results of test stand trials of a :urbojet engine are re-
duced to standard atmospheric conditions in the following sequencet

1. 1in accordance with formula (12.5) that rpm is determined
where an engine regime for the prevailing atmospheric conditions
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and similar to the test regime is obtained, that is the regime under
which the engine data for standard atmospheric conditions must be
determined;

2., after establishing the obtained rpm on the operating engine,
the thrust, fuel consumption, gas temperature in the jet nozzle, and
80 On are measured;

J. with the aid of the formulas obtained above, the corrected
thrust, specific fuel consumption, and other engine data that already
correspond to standard atmospheric conditions, are determined from
the measured magnitudes.

However, if the air temperature exceeds 288°K (e« 15°C) the
engine must not be allowed to operate at the revolutions where itse
regime at this temperature becomes similar to its maximum regime
(with respect to rpm) under standard conditions, since these revo-
lutions are obtaindd at & higher level than the maximum engine rpm.
During the hot season this circumstance makes it Recessary to limit
the verification of engine data through tests to correspondingly re-
duced regimes, while maximum and close to maximum regimes are verified
in approximation through graphical extrapolation from the charac-
teristics acquired during thess tests.

As a rule, turbojet engine testing is not confined to the
acquisition of one or several regimes; rather, all the rpm charac-
teristics of the engine are acquired and also reduced to standard
atmospheric conditions. Usually these characteristics are plotted
in the form of dependencies of corrected engine parameters on cor-
rected rpm, and therefore they are called corrected ghgructg:pgtc-.
The accuracy of all Weasurements performed during engine tests must
be: for thrust, ¢+ 0.5 €3 for fuel consumption, + %3 for rpm,
$+ 0.25 %, and for temperature behind the turbine, st %,

8. hrust Augmentation of urbojet Engines through el Combustion

behind the Turbine
Thrust augmentation is defined as increasing the thrust of a

given engine beyond the magnitude that corresponds to the maximum
regime, that is the magnitude obtained at muximum acceptable rpm,
Noax? and temperature in front of the turbine, T: max® Thrust aug-
mentation makes {t possible to increase engine thrust without ex-
ceeding the safe mechanical and thsrmal loads on turbine and compres-
sor parts, and without appreciably increasing the welght of the
power plant. Thrust augmentation frequontly proves necessary {n
order to shorten the rolling distance of the aircraft during take=
off, to increase the climbing speed and ceiling of the aircraft, to
increase the airspeed rapidly, and to fly supersonic airspeeds at
high altitudes,

At the present time the moat widely used means of turust auge
mentation for turbojet engines consists of burning additional fuel
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between turbine and jet nossle. Puel combustion behind the turb.ne
takes place as a result of the presence of free oxygun that s avail-
able in eignificant quantity in the comdbustion productes departing
from the turbine. As & result the gas temperature in front of the
Jjet nozzle is fincreased so that the gas exhaust velocity from the
Jet nozsle incresses under otherwise equal conditions and, conse-
quently, the apecific thrust and the engine thrust are increased.
By nature, such a means of thrust augmentation represents the ex-
ploitation of a cycle with heat input in two stages that was des-
cribed in Chapter ).

A so-called gfterburner is installed for burning additional fuel
between turbine and jet nossle, whose diagram is shown in figure 156,
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Figure 1563 Diagram of the afterourner of a turbojet engines

1 = diffuser; 2 - afterburner casing; ) - flame stabilizers;

4 - fuel nozzle; S - flame tube; 6 - starting nozzles;

7 = Jet nozzle.

The primary elements of an afterburner are; the diffuser 1,
used to reduce the gas velocity to a magnitude corresponding to
a Mach number of M s 0.23 to 0.), which is necessary to ensure
stable fuel combustion; the afterburner casing 2 in the forw of
a cylindrical or conical tube with a slight divergence toward the
outlet in which the combustion of the additional fuel takes place;
the flame stabilizers 3, usually designed in the form of rings with
angular cross-section behind vhose edges a zone of reverse streams
of burning gases is created; and the fuel nozzles 4. A flame tube
3 19 instelled in afterburners with high combustion temperature,
and part of the gas departing from the turbine is directed into the
space betwveen [lame tube and casing 2 in order to reduce the tempera-
ture of the walls of the afterburner casing. A starting device
consisting of a sparkplug and starting nozzles 6 in frequently used
for reliable fuel ignition in the afterburners.

Turbojet engines with afterburners are given the abbreviated
designation TRDF,

The regime of an afterburning turbojet engine that corresponds
to the maximum rpm and maximum gas temperature in front of the tur-
bine during afterburner operation ts called the afterburning resime.

When an afterburning turbojet engine operates under the after-
burning regime the gas temperature T* in Cront of the jet nozzle

afe
(at the afterburner outlet) usually reaches 1600 to 1700°X, and for
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some engines can even rise to 1‘:" = 1800 to 2000°K. In static
engine operantion on tho ground (V « O and H = O) this makos it pos-~-
sible to increase its thrust by 30 to 50 %, vipared to the thrust
that can be obtained at the maximum regime.

In order to ensure that the regime of the engine is not dis-
turhed in other respects when the afterburner is started or in
other words, to ensure that the temperature in front of the turbine
and the engine rpm are maintained at their previous levels (n =
s const and T: = const), the pressure Py at the turbine outlet
and, accordingly, the gas expansion ratio .'l‘ in the turbine, must
be kept constant. This requires an increase of the minimum cross-
section F. of the jet nozzle when the afterburner is started, so
that the weight flowrate of the combustion products through the
Jet nozzle remains at its previous level in spite of the decrease
in their density due to the increase of temperature in the after-
burner.

However, if the jet nozzle area F. remains constant when the
afterburner is started (or if its increase lags behind), the pres-
sure behind the turbine will increase as a result of the increasing
temperature in front of the jet nozsle, and the gas expansion ratio
in the turbine will decrease, leading to a reduction of turbine work
and, consequently, also to a reduction of engine rpm. As a result,
the rpm governor will increase the fuel flow into the primary com-
bustion chambers in order to restore the previous rpm level, and the
gas temperature in front of the turbine will be incremsed. But an
increase of temperature in front of the turbine is inacceptable at
a time when the engine already operates under the maximum regime,
since this will result in dangerous turbine blade overheating and,
in addition, can cause compressor surging (due to the reduction of
the air flowrate through the compressor at n = const).

Thus, starting the afterburner absolutely must be accompanied
by a simultaneocus increase of the jet nozzle area, in order to main-
tain the afterburning turbojet engine at constant maximum rpm and
to prevent the danger of turbine blade overheating and the develop-
ment of compressor surging.

If the temperature in front of the turbine at maximum or close
to maximum rpm is selected somevhat lower than the maximua accepte-
able level for the turbine, and if the available stability margin
with respect to temperature permits, the afterburner can be started
even without increasing the jet noszle area. However, in that case
the temperature in the afterburner cannot be increased significantly
for the reasons indicated above, 8o that a comparatively small thrust
augmentation {e obtained. Therefore, modern afterburning turbojet
engines uvsually have a variable area jet nozzle 7, ae shown in
figure 136,
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Let us now consider to what degree the magnitude of thrust and
specific fuel consumption is affected, under otherwise equal condi-
tions, by an increase of gas temperature in front of the jet nozzle,
accomplished by burning additional fuel in the afterburner.

Figure 157 shows the relative increase of the thrust and speci-
fic fuel consumption of a turbojet engine as a function of the
temperature increase in the afterburner (of tke ratio TS u‘.t/’l‘i‘,’)
at a compression ratio nf‘ = 7 in the compressor, gas temperature
T: = 1150°K 1in front of the turbine, and airspeed V = O.
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Figure 157: Relative variation ot‘rathrust and specific
fuel consumption as a function of afterburner temperature.

It is seen that, if the afterburner temperature is increased
during static engine operation (V = 0), the specific fuel consump=-
tion increases at a significantly faster rate than the thrust of
the engine. Thus, for instance, if the thrust is increased by 30 %,
the specific fuel consumption will increase by 70 %, which means
that the economy of the engine deteriorates significantly.

Modern afterburning turbojet engines during static operation
with afterburner on the ground have a specific thrust of B0 to 100
hg - sec/kg, and a specific fuel consumption of 1.8 to 2.2 ke/keg
thrust per hour.

Consequently, this means of thrust augmentation proves to be
uneconomical at slow airspeeds. But this has no decisive signifi-
cance for its temporary use.

However, with increasing airspeed and altitude the gain in
sngine thrust for the same increase in afterburner temperature
will rise rapidly, and the incr.ase in specific fuel consumption
will slow down considerably. This is due to the pressure increase
behind the turbine with increasing airspeed, improving the utiliza-
tion of the heat added in the afterburner.

Thus, for instance, at an Aairspeed corresponding to M" = 2,5
a temperature increase to 1R00 to 1900°K in the afterburner can
increase the thrust of an afterburning turbojet engine almost 2.5
times, as seen in figure 158, while the specific fuel consumption
increases by only 10 to 15 4, compared to the P and Cnp of the same
engine with non-operating afterburner and under otherwise equal con-
ditions,
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Figure 158: The effect of airspeed on the profile of
the thrust and specific fuel consumption of an after-
burning turbojet engine.

Thrust augmentation of a turbojet engine by means of burning
additional fuel behind the turbine has a very telling effect on
the profiles of the airspeed characteristics of the engine, espe-
cially at high altitudes., To illustrate this, figure 159 shows
the airspeed characteristics (solid curves) of an existing after-
burning turbojet engine (the French ATAR engine), and as dotted
curves for comparison the airspeed characteristics of the same
engine without afterburner. It is seen that, at an airspeed cor-
responding to MH = 2 and an altitude of 11 km, augmentation through
additional fuel combustion behind the turbine will increase the
thrust almost 4 times, at an increase in specific fuel consumption
of about 30 %. But at the same time the specific weight of the
engine is reduced considerably, since the presence of the after-
burner increases its weight by about 2% to 30 % while the thrust is
increased several times. This latter factor can compensate signi-
ficantly for the in-reased fuel consumption (depending on flight
endurance). As a result of the special features mentioned above,
thrust augmentation of a turbojet engine through additional fuel
combustion behind the turbine (that is, employment of an afterburn-
ing turbojet engine) in a number of cases not only proves to be
an advantageous but even a necessary means for accomplishineg flights
at supersonic airapeeds and high altitudes. /pﬂr__,-h T 1
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T
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Figure 1591 Airspeed characteristics of an afterburning
turbojet engine.
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An important advantage of using afterburners is the possibility
of significantly increasing engine thrust without increasing the gasa
temperature in front of the turbine.

The additional weight and design complication of the engine must
range among the disadvantages of using afterburners. Moreover, when
the afterburner is not operating the thrust of the engine will be
slightly less, and the specific fuel consumption higher, than the
thrust of the same engine without this afterburner (due to the addi-

tional resistance created by the afterburner).

9. Thrust Augmentation of Turbojet Engines through Cooling Liquid

Injection
Thrust can be augmented by cooling the air that is compressed

in the compressor.

As a rule, if the compressed air in aviation gas turbine engines
is also cooled, this is accomplished only through the evaporation of
liquids (water, alcohol, a mixture of both, and others) injected
into the air stream through special nozzles installed in front of
the compressor. Other possible means of cooling the air, for in-
stance with the sid of heat exchangers and the like, lead to an in-
admissible increase of engine weight and size and are not used for
this reason.

When liquid is evaporated in air, heat is removed from the
latter equaling the evaporation heat of the liquid. As a result,
the polytropic exponent of compression, the work required to compress
the air to a given pressure, as well as the temperature at the end
of compression, are reduced. Consequently, if the work expended on
air compression remains constant, the pressure at the compressor out -
let, that is the compressor compression ratio, will rise accordingly.

As a result, the pressure behind the turbine is increased,
which in turn leads to an increase of the gas expansion ratio in
the jet nozzle.

Consequently, the exhaust velocity from the jet nozzle and
the associated specific thrust are increased. In addition, the
weight flowrate of the gas (air) through the engine also increases
with increasing pressure in front of the turbine at the same tempera-
ture T;.

Thus, if liquid is injected that evaporates in the compressed
air, the thrust of the engine will increase as a result of an in-
crease of both, specific thrust and air flowrate.

At the same time the quantity of fuel required for a correspond-
ing temperature increase in the combustion chambers at T; = const
will increase as a result of the reduction of the compressor out-
let temperature, so that the specific fuel conaumption can change,
too.
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The relative variation of thrust and specific fuel consumption
as a function of the ratio between the quantity of evaporated water
and the quantity of consumed fuel is shown in figure 160. It is seen
that the injection of evaporating liquid, especially of water, into
the compressor can be an effective means of engine thrust augmentation,

However, it must be taken into consideration that the quantity
of liquid that can evaporate in good time is practically limited to
a significant degree by the short period that it remains in the com-
pressor. And when the partial pressure of the vapors of the given
liquid reaches vapor pressure for the temperature prevailing at the
compressor outlet, svaporation in the compressor will cease complete-
ly.

The quantity of liquid that can evaporate in and in front of
the compressor increases with increasing air temperature at the
compressor inlet (1ncreasing ambient air temperature, fast supersonic
airspeed). This can lead to a considerably greater thrust augmenta«
tion than shown in figure 160.

Using this relatively simple means of augmenting the thrust of
an engine requires large relative flowrates of injection liquid.
Thus, for instance, the water consumption required to augment the
thrust of a turbojet engine by 20 to 25 % during take-off will ex-
ceed the fuel consumption by about 2.2 to 2.4 times,

Caan ":1?. T =) H&Z:/‘;
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Figure 160: Effect of water injection into the

compressor of a turbojet engine on its thrust and
specific fuel consumption.

Water injection for the purpose of augmenting engine thrust is

also possible directly into the combustion chambers. At the same
time the fuel flow must be increased to prevent a drop in gas tempera-
ture in front of the turbine. When water is injected into the

combustion chambers the generated ateam obstructs the air intake

into the chambers, resulting in a reduction of the air flowrate
through the compressor, so that its compression ratio increases 1)

‘erhts effect increases with increasing curvature of the
compressor characteristics.
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Thus, if water is injected into the combustion chambers, the
thrust of the engine is increased as a result of the increase of
Pressure in front of the turbine (if T; = conat is maintained) and
of the increase in the gas flowrate. Moreover, the increase of
thrust (exhaust velocity from the Jet nozzle) contributes to a certain
increase in the specific heat of the combustion products resulting
from the increased quantity of water vapor contained in them.

For the same increase of engine thrust, auvgmentation by means
of injection into the combustion chambers requires a significantly
greater water flowrate than injection into the compressor. More=
over, as the water flow into the combustion chambers increases, the
compressor can get into an area of instable regimes since the air
flowrate through the compressor is reduced during this process. But
at the same time, water injection directly into the combustion
chambers instead of into the compressor eliminates the possibility
of ice formation and damage to compressor blading under the effect
of water particles.

10. Special Features of the Characteristics of Double-Comgound
urbojet ines

Double=compound turbojet engines (see figure 19) have a compres~
sor consisting of two consecutively located compressors for low and
high pressure. The first of these is located on the same shaft with
the second low pressure turbine (as seen from the combustion chambers )
and makes up the low pressure or outer rotor with that turbine, while
the second is located on the same shaft with the first, high pressure
turbine and makes up the high pressure or inner rotor with that tur-
bine., Low Pressure and high pressure rotor are not mechanically con-
nected so that they can rotate at different rpm.

The compression ratios of the low pressure and high pressure
compressors in double~compound turbojet engines are small indivi-
dually and will not exceed 3.5 to 4 even at a high overall compres -
sion ratio of 12 to 16.

Therefore, under offdesign regimes, where the overall compres-
sion ratio is reduced as & result of the reduction of the rpm para~
meter, flow conditions around the blades of the individual stages
of low pressure and high pressure compressor under correspondingly
matched rpm will differ to a significnntly lesser degree from de=-
signed conditions than they will for a single-spool compressor with
the same overall compression ratio,

In single=shaft turbojet engines with a high designed compres=-
sion ratio and Fe = const, the transition to reduced regimes, that
is the reduction of the rpm parameter, is accompanied, as we already
explained, by a significant increase of the angles of attack of the
blades in the first compressor stages and a reduction of the angles
of attack of the blades in the last compressor stages. As a result,
the compressor efficiency is conaiderably reduced, and compressor
operation can become instable, making it necessary to use antie
surging devices,
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It is obvious that, in order to prevent a significant increase
of the angles of attack of the blades in the first stages during the
transition to reduced regimes of a double-compound turbojet engine,
the rpm of the low pressure compressor should be reduced at a greater
rate, and that, in order to prevent an excessive decrease of the
angles of attack of the blades in the last stages, the rpm of the
high pressure compressor should be reduced at a lesser rate than
the rpm of a single-spool compressor with the same overall designed
compression ratio as the double-compound turbojet engine.

This rpm variation of the low pressure and high pressure compres-
sor of double-compound turbojet engines during their transition to
reduced, off-design regimes takes place automatically, as shown by
Prof. K.V. Kholshchevnikov.

Thus, for instance, the Bristol "Olymp" double-compound turbo-
Jet engine has a ratio between high pressure rotor rpm, "hi' and
low pressure rotor rpm, Nt equal to nhi/nlo = 1.3 under the de-
signed regime, and increasing to nht/nlo = 2 under the low throttle
regime.

This unequal rpm variation between low pressure and high pres-
sure rotor is precisely what is required to improve flow conditions
around the blades of the first and the last compressor stages under
off-design regimes. As a result, the angles of attack of the first
and the last stages of the compound compressor of a double=compound
turbojet engine differ from their designed magnitudes to a signi-
ficantly lesser degree when the rpm (or the rpm parameter, if n =
2 const) is reduced, than they will in the compressor of a single-
shaft turbojet engine with the same overall designed compression
ratio.

For these reasons, double-compound turbojet engines have the
following principal advantages.

1. The compressor of a double-compound turbojet engine can
operate in a stable mauner without surging in a significantly
broader range of different regimes than the compressor of a single-~
shaft turbojet engine with the same designed compression ratio, As
an example, figure 161 shows the location of the operating lines
with respect to the compressor characteristics for a single-shaft
turbojet engine (see figure 161 a) and a double-compound engine (see
figure 161 b,c) with Fe = const and with the same overall designed
compression ratio and no anti-surging devices in either case. It
is seen that the operating lines of the double-compound turbojet
engine on the characteristics of the low pressure (see figure 161 b)
and the high pressure (see figure 161 c) compressor never intersect
the surge limit of these compressors. On the other hand, a reduc-
tion of the rpm parameter of the single-shaft turbojet engine by
about 30 % already causes the operating line to intersect the surge

limit of its compressor.
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Figure 161: Operating linea of a single-shaft (a) and
a double-compound (b and c) turbojet engine.

2. Under reduced regimes, where the rpm parameter (the rpm)
is significantly reduced, the efficiency of the compressor of a
doubla-compound turbojet engine will decrease little from its de-
signed magnitude. Therefore, under otherwise equal conditions a
double~compound turbojet engine under these regimes will be more
economical than a single=-shaft turbojet engine whose compressor
efficiency will be reduced significantly during this process if
it has a high desig ed compression ratio.

3. At low rpm, equilibrium regimes of a double=-compound turbo-
Jet engine are achieved at lower gas temperatures in front of the
turbine, due to its greater compressor efficiency, than for a single-
shaft turbojet engine with the same designed parameters.

The disadvantage of double-compound turbojet engines is the
more complicated design in comparison to a single-shaft turbojet
engine,

The same conditions are required for the equilibrium regimes
of double-compound turbojet engines as well as for single~shaft
turbojet engines, that is equality must exist between the work,
respectively, of the low pressure turbine and compressor (LT lo =

=L 10) and of the high pressure turbine and compressor (L.l. hi ™

L ni)e
Changing the area of the minimum cross-section of the jet

nozzle has an effect on the counterpressure to the gas outflow from
the low pressure turbine of a double-compound turbojet engine and
results in a corresponding change of the overall gas expansion ratio
in its turbines. But this change extends primarily to the gas ex-
pansion ratio in the low pressure turbine, while the expansion ratio
of the high pressure turbine remains almost constant. Thus, for
instance, if the €as expansion ratio in the low Pressure turbine

is reduced by 15 to 20 % when the Jet nozzle area is reduced under
otherwise equal conditions, the gas expansion ratio in the high
pressure turbine can decrease by at most 2 to 3 %.

Therefore, equilibrium regimes of a double-compound turbojet
engine that differ appreciably with respect to gas temperature in
front of the turbine at constant high pressure rotor rpm cannot be
obtained by means of controlling the jet nozzle area. To obtain
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such regimes requires either a corresponding change in the work of
the high pressure compressor, Lk ni (for instance, by means of
pivoting its blades), or a change in the area of the nozzle assembly
of the high pressure turbine.

Consequently, if the jet nozzle area l"e is reduced, the increase
in the temperature in front of the turbine, even though required to
maintain the rpm LW of the high pressure rotor constant, will by
very insignificant. And the work of the low pressure turbine, LT 1o®
T lo* so that the
of the low pressure rotor will decline, As a result, the

will decrease as a result of the reduction of ¢
rpm n, .
air flowrate through the engine will be reduced, but to a lesser
degree than the rpm N0 since Ny = const,

Consequently, the angles of attack of the blades in the first
stages of the low pressure compressor will decrease, and its regime
will shift away from the surge limit.

However, increasing the jet nozzle area of a double-compound
turbojet engine at Ny = conat will lead to the opposite result,
that is to a shift of the regime of the low pressure compressor
toward its surge limit,

In order to maintain a constant rpm LIYS of the low pressure
rotor when the jet nozzle area is reduced, the gas temperature ’l‘; hi
in front of the high pressure turbine and, accordingly, the tempera-
ture 1‘5, must be increased so as to compensate for the reduction of
€T 10’ But then the work L“l‘ hi of the high pressure turbine will
be increased (since .T hi ™ const), and the rpm of the high pres-
sure rotor will rise. This leads to an increase of the air flowrate
through the engine, so that the regime of the low pressure compres-
sor moves away from the surge limit, that is, it shifts to the right
along the nlo/VTﬁ = const line. Accordingly, with increasing l‘e
and nlo = const, the regime of the low pressure compressor moves
toward its surge limit, shifting to the left along the nlo/v-’lT-
= const line.

Thus, in order to increase the stability margin or to prevent
the low pressure compressor from surging, the jet nozzle area Fe
of a double-compound turbojet engine must be reduced rather than

increased,as for a single-shaft turbojet engine, although the

temperature ’l‘; in front of the turbine will be increased if "10 =

const.
In order to obtain as large a thrust as possible, both rotors
of a double-compound turbojet engine in flight should be maintained

at their maximum possible rpm, and n and gas tempera-

hi max'
However, in a double-compound

nlo max
ture in front of the turbine, T* .
Zz max
turbojet engine with fixed area jet nozzle, when flight conditions
change only one of these parameters can be kept constant (for
instance, n, = const), while the remaining two (nlo and T;) will

be changed in the process.
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If the gas temperature in front of the turbine of a double~
compound turbojet engine is maintained constant with changing air=-
speed and altitude by means of controlling the fuel flow so that

T
z max
turbines will not be changed, either. But if there is, for instance,

= const, the work of the high pressure and low pressure

an increase in airspeed, the temperature Tﬁ at the compressor inlet
will be increased, causing a reduction in the compressor compression
ratio due to the decrease in the rpm parameter and the correaponding
increase in the angles of attack of the blades in the first compres=
sor stages and decrease in the angles of attack of the blades in the
last compressor stages. As a result, the rpm of the low pressure
rotor, L3P will be reduced, and the Ny of the high pressure rotor
increased. The opposite phenomenon is observed with increasing
altitude at T; = const, Fe = const, and V = const: an increase of

no and a decrease of n This type of rotor rpm variation will

not cause any peculinrities in the airspeed and altitude charac-
teristics of double-compound turbojet engines. These characteristics
are approximately identical to the characteristics for T: = const
and constant adiabatic work of the compressor a: a whole, since
the compressor efficiency of a double-compound turbojet engine
varies little with changing compressor regime and flight conditions.
If the low pressure rotor rpm of a double-compound turbojet
engine with Pe = const is kept constant, n;, = const, the angles
of attack of the blades in the first compresasor stages will in-
crease with increasing airspeed (due to the decrease of nlo/\/’l‘—ﬁ).
8o that the work required to drive the low pressure compressor is
increased, requiring an increase of gas temperature in front of the
turbine in order to maintain Mo ™ const. But then the rpm LW of
the high pressure rotor will be increased as a result of the rise
in T: and decrease in the angles of attack of the blades in the last
stages of its compressor. In this case, nhi will be increased at
a significantly faster rate than in the preceding case, if T: =
const. However, with increasing altitude (up to H = 11 km) the
temperature T;, conversely, must be reduced in order to maintain
Pio = const, and the rpm ny will be increased.
The nature of the rpm variation of the high pressure rotor with
changing altitude and flight Mach number M, at n = const is shown

H lo
in figure 162 a.
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Figure 162t Rpm variation of a double-compound turbojet engine
with changing altitude and flight Mach number MHz
a - for Mo = const; b - for N,y = const,
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If the airspeed is increased at No = const and under otherwise
equal conditions the thrust of a double-compound turbojet engine as
a result of the increase in temperature in front of the turbine will
increase at a greater rate than it will for the T; = const control
schedule. However, if the nltitude is increased at nlo = const and
V = const, the thruat of the engine as a result of the decrease in
T: will be reduced at a faster rate than for T: = const.

Since the rpm LW of the high pressure rotor increases with
increasing airspeed at T: = const, the gas temperature, obviously,
must be reduced with increasing anirspeed in order to maintain ny®
= const. This will lead to a faster decrease in the rpm of the low
pressure rotor than for T; = const, and to a corresponding reduction
of engine thrust.

In order to maintain nhi = const with increasing altitude, the
gas temperature in front of the turbine must be increased, soc that
the rpm of the low pressure rotor will be increased at a faster rate
than for T; = const} as a result, the thrust of the engine will de-
crease at a slower rate with increasing altitude than for T: * const,

The nature of the rpm variation of the low pressure rotor with
changing altitude and flight Mach number MH at Ny " const is shown
in figure 162 b.

Figures 163 and 164 show the relative variation of the tempera-
ture T;, rpm of the low pressure and high pressure rotors, Mo and
nhi' and the thrust of a double-compound turbojet engine with FQ =
const, for changing airspeed and altitude and for the three control
schedules under consideration, where the values of all magnitudes
for these three cases are assumed to be equal to one at H = 0 and
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Figure 163: Airspeed characteristics Figure 1641 Altitude charace
of a double-compound turbojet engine teristics of a double-compound
for three control schedules. turbojet engine for three

control schedules.
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It should be kept in mind that one of the magnitudes LI L
or T: can be kept constant only until the values of the two other
magnitudes exceed their maximum acceptable values with changing mire
speed and altitude.

Figure 165 shows the relative variation of thrust with changing
flight Mach number N" for a double«compound turbojet engine with F. []
= const whose maximum thrust at H" < 1 is limited by the acceptable
rpm of the low pressure rotor, so that the limit with respect to
acceptable temperature in front of the turbine sets in first with
increasing airspeed (at 1 M, £ 1.7), and subsequently the 1limit
with respect to acceptable rpm of the high pressure rotor.

- |
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Figure 165: Airspeed charac- Figure 1661 Throttling charac~
teristics of a doudble-compound terietics of a double-compound
turbojet engine for a combined turbojet engine.

control schedule.

The rpm characteristics of double-compound turbojet engines
can be represented in the form of the dependencies of thrust and
specific fuel consumption on the rpm of low pressure rotor as well
as high pressure rotor.

Figure 166 shows the test stand characteristics of a double-
compound turbojet engine with F. = const as functions of the relative
rpm of the low pressure rotor. If the rpm of either rotor at the
maximum regime is assumed to be 100 %, the increase of the angles
of attack in the first stages during the transition to reduced re-
eimes (as well as the reduction of ¢ T lo if the engine is throttled
significantly) will lead to a more rapid decrease of the rpm of the
low pressure rotor than of the high pressure rotor. It is seen
from figure 166 that for an rpm of the low pressure rotor of 0.9 Plo max’
the rpm of the high pressure rotor amounts to about 0.7 Mt max’

The effect of atmospheric air temperature on the thrust of
& double~-compound turbojet engine differs slightly from the effect
on the corresponding data of a single-shaft engine an' can be
evaluated by analogy with the effect of airspeed and altitude (that
is, of Tﬁ) on the regime of the engine under different control
schedules.
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If the given rpm of the high pressure rotor, Ny @ const, is
matintatned at N“ o O and H o O, the gas temperature in front of
the turbine amnd the rpm of the low pressure rotor will decrease
with tncreating atmospheric air temperature T“. 80 that the thrust
of the engine will be reduced at a alightly greater rate than the
thrust of a single=shaft turbojet engine.

If the rpm governor of the sngine maintains a constant rpm of
the low pressure rotor (nlo ® conat), an increase in Ty conversely,
will be accompanted by an incrense of temperature in front of the
turbine and high pressure rotor rpm, leading to a lesa intennive
redurtion of engine thrust (n comparison to s single-shaft turbo-
Jot engine.

However, 1f the engine control aystem ensures a constant value
of gas temparature in front of the turhine, a change in atmospheric
air temperature will he accompanied by a change in the rpm of both
rotors, so that the rpm of the low pressure rotor will be reduced
with increasing T". while the rpm of the high pressure rotor is in-

creased.
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CHAPTER 1)
TRANSIENT REGIMES AND START-UP OF TURBOJET ENGINES

1. n ick-Up of Turbo Engines

Iransient (irregular) regimes of turbojet engines are defined
88 regimes where all or a certain part of the engine parameters
vary over time. Under these regimes the engine shifts from one
equilibrium regime to another.

Transient regimes of turbojet engines where the rpm varies
over time have the greatest practical significance, since the thrust
control of turbojet engines is accomplished primarily by means of
changing its rpm.

Transient regimes with increasing rpm are called rotor run-up
LeKimes, while transient regimes with decreasing rpm are called
M_r!llm or rpm reduction regimes.

The primary condition for transient Tegimes of turbojst engines
that are accompanied by a change in rpm {s the inequality of turbine
pover and the power required to drive the compressor and the auxi-
liary assemblies.

1f the turbine power exceeds the power required for the compres-
sor, the engine rpm will increase over time, and an engine run-up
transient regime will be obtained. The excess turbine power, "NT =
- Nk’ is consumed for increasing the kinetic energy of the engine
rotor in its rotary motion. When N‘l‘ < Nk' the engine rpm will he
reduced, and an rpm reduction transient regime will be obtained,
During this process the kinetic energy of the rotor is reduced, since
it 1is consumed for overcoming the aerodynamic forces and friction
forces that impede its rotation,

The time required for the engine rotor to run up from low
throttle rpm to maximum rpa is called pick-up time and defines
that important operational quality of an engine called pick-up,
that is the capability of rapidly increasing the rpm when the fuel
flow into the combustion chambers is increased. The shorter the
time required for the rotor to run up from e max* the better
will be the pick-up of the engine, the faster will tts rpm increase

to n

and, consequently, the thrust generated by the engine. And a rapid
increase of thrust, that is a 800d engine pick-up, is required for
a safe go-around of the aircraft in the event of an unsucceasful
landing, for completing aerobatic maneuvers, for fast maneuvering
in aerial combat, for following an aircraft in formation (for chase
aircraft), and so on.

The ptckeup time of a turbo jet engtne s proportional to the
moment of t{nertia of the rotor and must decrease with tncreasing
air flowrate through the engine and increasing excess of turbine
work over compressor work: “"l‘ . Ll‘ - L‘( (noe figure 132),
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This means that the pick-up time will decrease with increasing
temperature T; in front of the turbine during the run-up process
of the turbojet engine and with increasing jet nozzle area.
However, the tempernture increase during the run-up process
that is required in order to improve significantly the pick-up of
a turbojet engine, is limited by the temperature stability margins

AT: pickup’
that, with decreasing temperature stability margin, that is with

especially at low and intermediate rpm. It is obvious

decreasing distance between the equilibrium operating line of a
turbojet engine and its compressor surge limit, the temperature in-
crease in front of the turbine that can be achieved during the run-up
process in comparison to its values under equilibrium regimes will
be reduced and, consequently, the picke-up of the engine will deterio=-
rate under otherwise equal conditions.

Moreover, a significant, although temporary increase of tempera-
ture in front of the turbine during the run-up process (provided
that the temperature stability margins permit it) can cause inac-
ceptable turbine blade overheating.

For these reasons, turbojet engines have an available excess
of turbine power over compressor power that is comparatively small
at all revolutions below maximum rpm; it is considerably less
than the excess power of a reciprocating engine (with respect to
its external charncteristics) over the power required to drive the
propeller. This primarily explains the significantly poorer pick-
up of turbojet engines compared to reciprocating aviation engines.
Thus, the pick-up time of modern turbojet engines during static
operation on the ground is usually not less than 8 to 10 sec, while
reciprocating engines require a total of only 1.5 to 2 sec.

The air flowrate through a turbojet engine decreases with in-
creaning altitude or increasing temperature and with decreasing
atmospheric air pressure, and also with decreasing airspeed; under
otherwise equal conditions, this contributes to a deterioration of
engine pick=up. But, as we showed enrlier, the low throttle rpm
of a turbojet engine increases with increasing altitude as a result
of the employment of a minimum fuel flow limiter in front of the
tnjection nozzles (minimum fuel consumption), so that the low
throttle rpm increases with increasing altitude, and the difference
(n-‘u - "l.t) is reduced. As a result, the pick-up of a turbojet
engine in flight can be either worse or better than its pick=-up
under ground conditions.

2. [ tures anatent R mes O ] n

In order to shift a turbojet engine to a nev equilibrium
regime with increased rpm an excess of turbine power over the level
prevailing at the intermediate equilibrium regimes must he generated.
In other words, under run-up rogimes the turbine power at each
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intermediate rpm must be greater than the turbine power at the same
rpm but under equilibrium regimes, where it always applies that

Ny = N » This can be achieved only (if F, = conat) by means of in-
creasing the fuel flow, and accordingly, the temperature in front
of the turbine over their valuea under the intermediate equilibrium
regimes.

However, in order to shift a turbojet engine to a new equili-
brium regime with reduced rpm the turbine power must be reduced,
that is, the temperature in front of the turbine must be reduced
by reducing the fuel flow, below its values under the intermediate
equilibrium regimes. *

To illustrate this, figure 167 shows the variation of fuel
consumption Gfuol and temperature T: in front of the turbine with
changing rpm under run-up regimes (curves 1 and 1') and under rpm
reduction regimes (curves 3 and 3') for one of the existing turbo-
Jet engines. For comparison, the dependencies of fuel consumption
and temperature in front of the turbine on the rpm are shown in this
figure for the equilibrium regimes of the same engine (curves O and
0';. It is seen that the fuel consumptions Gfuel and temperatures
T: in front of the turbine differ considerably at the same inter-
mediate (tr-n-lonz) rpm under run-up and slow-down regimes and under

equilibrium regimes.

Figure 1671 Vartation of tomperature in front of the
turbine and fuel consumption with changing rpm under
transient regimes of a turbojet engine.

Let us consider the basic Peculiarities of turbojet engine
operation under run-up regimes from low throttle rpm, Mgt t©
max’ For this purpose we start out by using the
graphs in figures 168 and 169, vhere the solid lines represent,

mBaximum rpa, n

respectively, the dependence of G‘.“.1 and T: on the rpa under
equilibrium regimes of the turbojet engine.

Depending on the fuel flow schedule the run-up regimes will
take & different course. A emall increase in fuel flow over fuel
consumption under equilibrium regimes (line 1t in figure 168) re-
sults tn a comparetively small incresee of temperature T: in front
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of the turbine (curve 1 in figure 169), yielding a small excess of
turbine power, ANT' and the pick-up time of the engine will be
longer. At a stronger increase of fuel flow (curvo 2 in figure
168) the run-up regime will proceed at higher gas temperatures in
front of the turbine (curve 2 in figure 169)§ this results in a
greater excess of turbine power, and the pick-up time will be
shortened. With a strong fuel flow under a run-up regime the
temperature in front of the turbine can also become "overheated",
that is T;

max
and curve 1 in figure 167), which is acceptable up to a certain

will be oxceeded at noax (curvo 2' in figure 169,

1imit because of the temporary nature of the run-up process.
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Figure 1683 Variation of fuel Figure 169t Variation of
consumption in a turbojet engine temperature in frec. of the
under transient regimes. turbine of a turbojet engine

under transient regimes.

From the known values of temperature in front of the turbine
that are obtained for each intermediate rpm, n_, during run-up,
the run-up lines of the engine can be plotted in the field of
compressor characteristics. This was done in figure 170, where
the curve O represents the equilibrium operating line of the engine
and the curves 1, 2, and 2' the run-up characteristics, the first
of these corresponding to s small increase in fuel flow during the
run-up process, and the second to a stronger increase of fuel flow.
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Figure 1705 Lines of the transient regimes of a turbojet
engine in the field of compressor characteristics.
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Legends to figure 170%

1 « surge limit

2 = line of the equilibrium regimes
of the turbojet engine

It is seen that the run-up regimes as a result of the higher
temperatures in front of the turbine are located closer to the
compressor surge limit than the equilibrium regimes of the engine
and that their distance from the surge limit will decrease with
increasing fuel flow and, accordingly, increasing temparature T;.
Therefore, with a strong fuel flow under a run-up rogime of a turbo-
Jet engine (curve 2' in figure 170) compressor surging can develop,
which creates the danger of flameout and spontaneous engine shut-
down.,

The location of the run-up lines in the field of compressor
characteriastics also shows that the run-up regimes take place at
lower air flowrates through the engine (for the same n) than equi-
librium regimes. The greater the fuel flow during the run-up
process, the smaller will be the air flowrate at which this process
takes place, as illustrated by curves | and 2 in figure 171, where
the solid curve O describes the equilibrium regime.

Consequently, under all run-up regimes the mixture in the
engine is enriched, or, in other words, the excess of air coeffi-
cient 1 is reduced in comparison to the equilibrium regimes of the

same engine, since ( = G'/IOG Figure 172 shows the nature of

fuel®
the rpm variation of & for equilibrium regimes (curve 0) and for
run-up regimes with a small increase of fuel flow (curve 1) and with
A stronger increase of fuel flow (curve 2). The limits of stable
combustion chamber operation with respect to : (: and 7 ) are

max min
plotted as dotted curves in this figure.
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Figure 1711 Variation of the Figure 1721 Vartiation of the
alr flowrate in a turbojet excess of air coefficient in
engine under tranaient repimes. the comhustton chambears of a
turbojot engine under transient
regimes.

Tt is roadily noted that the enrichment of the mixture in the
comhuation chinmhers will increase with incrensing rate of increonse

of the fuel flow during engine run-up. If the fuel flov ia too
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strong, the magnitude of the excess of air coefficient 7 can be
reduced so much that it becomes less than 1'“" (curve 2' in figure
172) 8o that instable combustion and flameouts develop in the come
bustion chambers that can lead to spontaneous engine shut =down,

Thus, a strong increase of fuel flow during the runeup of a
turbojet engine can lead to compressor surging as woll as to flame-
out in the combustion chambers as a result of overenrichment of
the fuel and air mixture.

In order to prevent these phenomena, the fuel flow into the
combustion chambers during rotor run-up of a turbojet engine must
be limited by acceptable boundary values that are safe for the
engine. For this purpoase the control and regulating systems of
All modern turbojet engines are equipped with special automatic
maximum fuel flow limiters that are called automatic pick=up ays-
tems.

Under reduced rpm regimes the dependencies considered nbove
are of the opposite type, as indicated by lines 3 and 4 in figures
168 and 169. The curves 3 in these figures refer to a small fuel
flow reduction accompanied by a relatively small tempermure change
in front of the turbine, compared to equilibrium regimes, so that
the revolutions are reduced slowly. The curves 4 refer to a stron=-
ger fuel flow reduction where the temperature in front of the tur-
bine is reduced at a more significant rate than in the preceding
case, increasing the difference (Nk - NT) and reducing the time re-
quired for the rpm reduction ory, in other words, resulting in a
faster decline of engine rpm.

Tt is obvioun that the temperature in front of the turbine is
decreased in comparison to the intermediate squilibrium regimea and
that the rate of engine rpm reduction is accelerated with increas-
ing rate of fuel flow reduction during the slow-down process. As
a result, the location of the reduced rpm line in the field of
compressor characteristics (lines 3 and 4 in figure 170) will be

further removed from the surge limit with increasing rate of fuel
flow reduction and, consequently, of temperature reduction in front
of the turbine, Consequently, compressor surging cannot develop
during rpm reduction of a turbojet engine.

The location of the reduced rpm lines in the field of compres-
sor characteristics indicates that these regimes take place at
grenter air flowrates through the engine than for equtlibrium
regimes. The greater the rate of fuel flow reduction, the greater
will be the air flowrates at which the rp® reduction of the engine
takes place (1ines ) and & in figure 171).

This moans that the mixture in the combustion chambars of
the engine will become leaner under reducod rpm regimes or, in
other words, the excess of air coefficient 7 will be incressed in
comparison to the intermediatoe equilibrium regimes.
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The rate of this fuel richness reduction will be comparatively
small for a small fuel flow reduction (curve 3 in figure 172), A
greater fuel flow reduction will cause the mixture to become con=
siderably leaner (curve 4 in figure 172). An excessive rate of
fuel flow reduction during a drop in rpm can make the mixture so
lean (curve 4! 4n figure l72) that the excess of air coefficient

2 becomes greater than the acceptable am and flameouts begin in

the combustion chambers, resulting in sp:ﬁtaneous engine shut-down.
It should be noted that this danger increases with increasing alti-
tude, since in that case,as we explained earlier, the maximum value
umnx where flameout begins in the combustion chambers will be re-
duced,

Thus, an abrupt fuel flow reduction during an rpm drop of a
turbojet engine can lead to spontaneous engine shutdown as a result
of flameout in the combustion chambers due to excessive leanness
of the mixture. Therefore, an automatic limitation of the minimum
acceptable fuel flow is required not only under equilibrium regimes,
as explained earlier, hut also under reduced rpm regimes.

In the case of double-compound turbojot engines the rpm run-
up and slow-down regimes of the high pressure rotor are qualita-
tively equivalent to the regimes of single-shaft turbojet engines,
but for the low pressure rotor of a double-compound turhojet engine
these regimes take plice differently, for the following reasons.

As a rule, the moment of inertia of the low pressure rotor,
Jlo' i1s greater than tho moment of inertia of the high pressure rotor,
JLA' Therefore, if the fuel flow is reduced and Fe = const, the
rpm and, accordingly, the compressor compression ratio of the second
rotor will drop at a faster rate than for the first rotor, and the
air flowrate through the engine will be reduced to a graater degree
than it would be in the case of, for instance, an identical drop
in the rpm of both rotors., This will hiave the result that the de-
cline of the rpm of the low pressure rotor takes place at lesser
air flowrates than for the same revolutions of its intermediate
(rcducod) equilibrium regimes where the rpm of the high pressure
rotor exceeds, as we know, the rpm of the low pressure rotor., In
other words, the line of declining rpm of the low pressure rotor in
this case is located closer to the surge limit in the fiel of com-
pressor characteristics than the operating linc of its aquilibrium
regimeos.,

In this case, the faster the rpm of the high pressure rotor
drops in comparison to the rpm of the low pressure rotor, the
closer will the line of declining rpm of the litter shift toward
the compressor surgo limit.

Consequently, in the casc of double-compound turbojot enginen
with J < Jl° even a drop in rpm can cause compressor surging (of

hi
the low pressure rotor).
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During run-up of a double~compound turbojet engine with
Jhl - Jlo the rpm of the high pressure rotor will increase at a
faster rate than the rpm of the low pressure rotor, providing an
Additional increase of the air flowrate through the cumpressor
of tlie latter in comparison to its equilibrium regimes, so that
no surging can develop in this compressor. But surging can de-
velop, generally speaking, in the high pressure compressor, for
the same reasons that apply to the run-up of a single-shaft turbo-
Jet engline.

3. Start-Up of Turbojet Engines

Fhe start-up process of a turbojet engine is also included
among its transient regimes and represents an engine rotor run-up
from zero rpm to low throttle rpm.

It was shown in Chapter 11 that turbojet engines have minimum
revolutions Noin where the same temperature is required in order
to obtain an equilibrium regime that is required under the maximum

regime of the engine, that is T# These minimum equilibrium

z max’
revolutions n amount to about 10 to 20 % of n « At revolu-
min max
*
tions helow noin the available turbine work I"'l‘ at ’l‘z max is less

as we know (sece figure 132), than the compressor work Lk' so thnt
self-sustained operation of a turbojet engine at revolutions n <
"mtn is not possible without exceeding the maximum acceptable
temperature in frontof the turbine. Therefore, an additional source
of power is required to start a turbojet engine, that is a start-
ing motor or starter that is capable of running up the engine rotor
to that rpm where the engine can already make the transition to
self-sustaining operation at 1‘: £ T; max®

Electric starters operating on electric batteries or special
airfield power networks and gas turbine starters are mostly used
today. The latter are low-power gas turbine engines of amall
dimenasions consisting of a compressor, combustion chambers, and
A turbine whose power exceeds the povwer required to drive its
compressor by the magnitude that is fNeceasary to run up the rotor

T the turbojet engine. The €as turbine starter itself is started
with the aid of a small clectric motor. Also, gas turbines operat -
ing on the combustion products of a powder charge, on decomposi-
tion products of hydrogen peroxide, on compressed air stored in
tanks, and others can be used as starting engines.

Alsu, reliable initial fuel ignition in the combustion chambers
must be ensured when a turbojet engine is atarted, in addition to
running up its rotor with a starter.

For this purpose special starting devices are used that
consiat of an electrical spark plug and s starting injector combined
into one assembly. These devices generate the initial starting
flame jets that subsequently ignite the fuel fod through the
primary operating injectors.
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The starting devices of turbojet engines with tubular and
cannular combustion chambers are installed only in some of the
flame tubes from which the flame is transferred to the remain-
ing flame tubes through a pipe aystem that interconnects all the
flame tubes. 1In annular combustion chambers several starting de-
vices are installed along the circumference of the common annular
flame tube.

Either the primary fuel, kerosene, or a starting fuel, gasoline,
is used to start a turbojet engine., The latter facilitates atart-
up, but complicates the fuel svstem of the engine.

When the engine is started the starting devices are turned
on and off automatically.

Also, the starting system of a turbojet engine must ensure
a fuel flow dosage into the combustion chambers that exclude the
danger of turbine overheating and instable combustion.

A non-operating turbojet engine in flight is in autorotation,
meaning that its rotor is driven by the counterflowing air stream.
During this process the rotor rpm is usually greater than the minimum

equilibrium revolutions, Therefore, in order to start a

n .
turbojet engine in flight T:nis adequate merely to ignite the fuel
fed into the combustion chambers, and it is not necessary to run
up the rotor with the starter. However, in flight the conditions
for igniting the fuel in the combustion chambers of a non-operating
turbojet engine are considerably aggravated, fccr the reasons dis-
cussed at length in Chapter 6. Consequently, reliable air starts
of turbojet engincs at great altitudes rre ensured by using start-
ing devices that generate a starting flame jet of greater power and
duration than required for starting a turbojet engine under ground
conditions.

The entire process of starting a turbojet engine with the aid
of the starter consists of the thres following phases taking place
one after the other without interruption (see figure 173).

]
el e — - )

.t

Figure 177t Diagram of the variation of starter power,
turbine power, and compressor power of a turbojet engine
during start-up.



RA=017-68 264

First phase. Without feeding fuel into the combustion chambers
the rotor of the engine is run up by the starter only, to an rpm of

n, < fin where the turbine of the engine begins to operate as a
result of fuel flow and ignition in the combustion chambers, generat-
ing a net power of N, > 0 (at T < T mnx)'

Second phase. The engine rotor is run up simultaneously by
both, the starter and the already operating turbine, to an rpm of
n, where the starter is disengaged. The rpm where the starter is
disengaged usually amounts to n2 s (0.12 to 0'26)"mnx in order to
speed up the starting process and achieve better reliability as
well as to reduce the temperature in front of the turbine during
the starting process.

Third phase. The rotor is run up independently by the engine
to low throttle rpm, Ny ,y» 88 a result of the engine's excess tur-
bine power. As a rule, starters are used whose power N at

starter

n, revolutions exceeds by several times the power N required

to drive the entire rotor of the turbojet engine, 1:022;er to re-~
duce the time required to start up the turbojet engine and to achieve
better reliability.

When starting a double-compound turbojet engine it is adequate
to run up only one of its rotors with the starter, while the other
rotor will be driven under the effect of the air stream generated
by the run-up rotor. But for running up the high pressure rotor
A starter of less power is required than for the low pressure rotor.
This is due to the fact that the high pressure rotor has less moment
of inertia and, moreover, during its rune-up with the starter rotates
in air of reduced density (due to the drop in air pressure when

the air flows through the low pressure rompressor),
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CHAPTER 14
TURBOPROP ENGINES

1. ner vati

The most important advantage of a turbojet engine is that
its thrust varies gradually with increasing airspeed and subse-
quently increases up to a certain Supersonic airspeed, while the
thrust generated by a reciprocating engine and propeller plant
(VMU) decreases rapidly all the time. As a result, the turbojet
engine provides the thrust required at high Airspeeds for a low
engine weight, and its specific weight is considerably less than
that of a reciprocating engine. This is also the reascn why the
use of turbojet engines mnkes it possible tc reach airspoeds that
cannot be achieved with reciprocating engine and propeller plants,

The disadvantage of a turbojet engine as compared to a re-
ciprocating engine and propeller plant is its lower economy at
relatively slow airspeeds. To illustrate this, figure 174 shows
the dependence of the specific fuel consumptions, C.p.
efficiencies (dotted curves) of a turbojet engine and a reciprocat-
ing engine and propeller plnnt' on the airspeed. It is seen that,
in the example considered here, these engines are equivalent with
respect to economy only at an airspeed of about 900 km/h (this aire
speed depends in particular on the altitude). At greater airspeeds
the economy of g turbojet engine is greater, and at sirspeeds less
than indicated above it 1ia considerably less than the economy of
& reciprocating engine and propeller plant.

and economic

IR NEN N 1 |

Figure 174, Dependence of the specific fuel consumptions
and efficiencies » n,°n the airspeed of the aircrafe,
for a turbojet eng?h$ (TRD) and a reciprocating ongine
And propeller plant (vwv),
Legenda:

1 - reciprocating engine and propeller plant;
2 - turbojet engine.

')‘l‘ho economic efficiency of a reciprocating engine and propel-
ler plant s equal to the product of the effective efficiency of the
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As a result of ths disadvantages of turbojet engines mentioned
above a requirement arises for a cortain category of aircraft (of
long range and not very high maximum airspeed) to have an engine
that would combine the weight and thrust advantages of the turbojet
engine at high airspeeds with the advantages of the reciprocating
engine and propeller plant during take-off and at relatively slow
atrapeeds. Turboprop engines (TVD) belong to this category of
engines.

A simplified diagram of a turboprop engine is shown in figure
17%. This engine differs from a turbojet engine in that its turbine
4 also rotates the propeller ! via the reducing gear S, in addition
to driving the compressor 2 and auxiliary assemblies.

2

S

Figure 175t Diagram of a single-turbine turboprop engine:
1 - propeller; 2 =« compressor; 3 - combustion chambers;
= turbine; 5 = reducing gear.

Figure 17631 Diagram of a turboprop engine with two separate
turbines:

1 = propeller; 2 - conpressor; 3 - combustion chambers; 4 -

compressor turbine; 5 - propeller turbine; 6 - reducing gear.

In some turboprop engines the propeller is rotated by a
separate turbine that is not meclhianically connected to the compres-
sor turbine (see figure 176); this makes it possible in a number of
cases to accomplish a more flexible engine control. Also, double-
shaft (twln-spool) compressors are sometimes used in turboprop
engines (see figure 177). In that case, one turbine is used to
drive the last compressor stages while the other drives the first

compressor stages and the propeller.

P

N

Figure 177: Diagram of a turboprop engine with twin-spool compressor.
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The number of turbine stagos in modern turboprop engines will
not be less than two and will froquontly reach five to stx, This
is due to the necessity of accomplishing a large heat drop in the
turbine and the inclination, at the same time, of reducing the
turbine rpm for the purpose of reducing the transmission ratio and,
consequently, reducing tho size and weight of the reducing gear.

Otherwise the primary elements and characteristic crossectionns
of the flow section of a turboprop engine are similar to the des-
criptions given for turbojet engines.

The useful work of the cycle of a turboprop engine is used to
drive the propeller and to accelerate the gas and air stream flow~
ing through the engine, so that we can write for the actual cycle
of a turboprop engine

Le - LProp/r'red * ci - Vz/zg'
where Lprop is the work transferable to the propeller and referred
to one kz of air flowing through the turboprop engine
per secondj
ce is the gas exhaust velocity from the engines
“red is the efficiency of the reducing gear of the turboprop
engine.

However, it is readily noted that the profile of the cycle 1is
not dependent on the nature of the subsequent utilization of the
useful work obtained A8 a result of its realization, Therefore,
all the basic relationships and regularities established earlier
during the study of the cycles of the turbojet engine remain fully
valid for the turboprop engine, as well,

The total thrust P generated by the turboprop engine is com-
posed of the thrust Pprop generated by the propeller, and the re-
active thrust PR obtained as a reault of the acceleration of the
€as and air stream flowing through the engine, that is

Pump + P,
prop R

In turboprop engines the distribution of the useful work of
the cycle or the available energy L° between propeller rotation,
that is the generation of propeller thrust, and acceleration of
the gas flow in the engine, that is the generation of reactive
thrust, is determined by the relationship x = LprOp/Le and can dif-
fer, depending on the purpose and operating conditions of the engine.
It is obvious that the thrust generated by the propeller increases
and, accordingly, the reactive thrust decreases, with increasing
Lprop at a given magnitude of Le' that is with increasing coefff.
cient of energy distribution, x. The magnitude of the energy that
is transferable to the propeller is determined by the &as expansion
ratio in the turbines the greater the gas expansion ratio, ths
greater will be the coefficient x, In the majority of modern turbo-
Prop engines the gas ias expanded to almost atmospheric pressure in
the turbine, so that the reactive thrust is obtained primarily ae a
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result of the gns ontlet velocity from the turbine, without subse-
quent gas expansion in a jet nozzle. As a rule, in static operation
and at slow airapeeds the thrust generated by the propeller of a
turboprop engine will exceed the reactive thrust of the turboprop
engine seven to nine times.

The distribution of the available energy of a turboprop engine
will be optimized at the maximum engine economy under the given con-
ditions.

Calculations show that, with increasing airspeed and decreas-
ing magnitude of available energy, decreasing propeller efficiency,
and decreasing turbine efficlency, that part of the available energy
which must be transferred to the propeller will decrease, correspone
dingly increasing the portion of energy used for the generation of
reactive thrust or, in other words, reducing x = Lprop/l’f Figure
178 shows the dependence of optimum energy distribution ‘opt on the
airspeed for a turboprop engine with a compressor compression ratio
")':0 = 8, temperature T; = 1200°K in front of the turbine, 'r\,} = 0,88,
and K ® 0.85., The dotted curve in this figure indicates the de-
pondemie of the efficiency .‘prop used for desiguing the propeller
on the airspeed. It is seen that in this example the coefficient
‘opc becomes close to zero at an airspeed of about 1,150 km/h s0
that, consequently, there is no advantage in using such a turboprop
engine under these circumstances.

D RTRT 600 Ao 7avh

Figure 178: Dependence of the optimum energy distribution

(xopc) in a turboprop engine on the airspeed.
2. Power, Thrust, and Specific Parameters of Turboprop Engines

The thrust generated by a propeller in flight can be expreased,
as we know, by the power supplied to the propeller, that is by the
effeoctive power Ne of the engine, the efficiency "pr of the propel-

op
ler, and the airspeed, so that

75 N n /v.

Pprop = e prop
The reactive thrust equals
e A
where Ga is the per second weight flowrate of air through the enginej

Co is the velocity of the combustion products in the outlet
cross-section of the engine.
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Thus, the total thruat of a turboprop engine in flight will
equal

Pe?s N./V "prop * c./g (c. - V). (14.1)

After dividing this expression by G. we obtain the specific
thrust

r_p =75 N./G'.V Terol® 1/ (c. -v), (14.2)
or
Pnp - 75". sp nprop/v + PR sp’
where N L /75 is the specific effective power of the enginej

-
e sp prop

P
R sp
During static operation, n

is the specific reamctive thrust.

rop * O and V = O, s0 that the
formulas cited above become indefinite. In that case we can use

P as the coefficient that determines the static propeller thrust
referred to the power N. that is transferred to the propeller. In

t o
hat case, P, =N, 4 i’h ¢,
(14.3)
and B e +
. ﬁALq) [N

For powerful engines at the rpm for which the propeller is
designed, 3 = 1.0%5 to 1.15, As a rule, p = 1,1 is used for compa -~
rative calculations.

The notion of the so-~called equivalent power of a turboprop
engine is often used for convenience.

The eguivalent power Neq is defined as the power that would
be required to drive a Propeller generating a thrust that is equal
to the total thrust of the turboprop engine, that is

Noq = P"/75“prop =N, + 1’Rv/75~xpmp (14.4)
or, at V= 0
N =.li=N .Ii”-
g i o

The ratio between Neq and the per second weight flowrate of

air through the engine is the specific equivalent power, that is

=N, ap * VP, ’p/'rsnprop. (14.5)

Neq sp

As a rule, the economy of a turboprop engine is evaluated

by its specific equivalent fuel consumption, Ceq, determined as

the ratio between the per hour fuel consumption and equivalent
power:

Ceq - G".uel/Neq (kg/equ. HP per hour) (14.6)

After dividing the per hour fuel consumption of a turboprop
engine by its total thrust we obtain the specific fuel consumption
referred to one kg of thrust:

csp = G;.Uel/P (kg/xg of thrust per hr) (14.7)

that is convenient to use for comparative evaluation of turboprop
and turbojet engines.
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Substituting G}nol = C.qN‘q in the last formula, and taking
into consideration that P s 75N 10 /V. we obtain the dependence

eq prop
between C'P and c.q which {8

c.p - c.qv / 751

o (14.8)

and for V= O

clp o" coq O/B'

The thermal economy of a turboprop engine is described by ite
effective efficiency ﬂ. that is equal to the ratio between the heat
converted into useful work, that is, the work corresponding to the
equivalent power, and the consumed heat. The useful work of a
turboprop engine equals 7SN. » and the heat consumed in order to
obtain it is determined by the calorific capacity Hu of the fuel
and the fuel consumption per second which, obviously, equals C. N/
/3600, Consequently, we can write for the effective efficliency of
a turboprop engine

g = 75 « 3600Ngq/U2TH,C, N, = 632/H,C (14.9)

®q eq eq
where 632 is the thermal equivalent of one horsepower per hour.

We note that, at a given fuel caloricity, the effective eof-
ficiency is the reciprocal magnitude of specifi. fuel consumption
and, consequently, is dependent on the same factors as the latter.

The specific weight &, of a turboprop engine, too, can be
referred to total thrust as well as to effective or equivalent
power.

The specific parameters considered above have approximately
the following magnitudes for existing turboprop engines cperating
at the maximum designed regime in static operation on the ground
under standard atmospheric conditionst
e sp = 200 to 300 HP/kg of air per sec;
eq sp” 220 to 320 liP/kg of air per sec}

R sp * 20 to 25 kg of thrust/kg of air per sec;

eq ° 0.220 to 0.340 kg/equivalent HP per hour;

Bne ™ 0.2 to 0.3 kg/equivalent HP,

3. Dependence of the Specific Power and Economy of a Turboprop

Engine on the Parameters of the Operating Process
In considering the effect of the parameters of the operating

m Q w9z =z

process on the power, thrust, and economy of a turboprop engine
we shall assume for simplified reasoning that the engine has one
common turbine for compressor and propeller, in which the gas is
completely expanded to atmospheric pressure.

The power that can be utilized to drive the propeller of a
turboprop engine equals the difference between the shaft power NT
of the turbine and the power required to drive its compressor, Nk,
and auxiliary assemblies, Nr'
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Therefore, if we take into account the losses in the propeller
reducing gear, the effective power of a turbdboprop engine, or the
power that is transferred directly to its propeller, will equal

NNy M= N ooy

The turbine power, as we know, squals
Ny 7’!,* AW
and the compressor power

N = Galig /%

Therefore, assuming that the excess turbine power as a result of
0‘/6. > 1 equals the power Nr' we can write for the specific efe
fective power of a turboprop sngine

Ne ap = (M / A = L2y /) Mreasrs. {(14.10)

It followa from this expression thut the specific effective power
of a turboprop engine depends on the same parameters as the speci-
fic thrust of a turbujet engine, that is on the temperature T: in
front of the turbine, the compressor compression ration ﬁ, the tur-
bine efficiency nT. the compressor efficiency “k' and in addition,
on the efficiency of the propeller reducing gear.

Under otherwise equal conditions the specific effective power
increases continuously (in accordance with the linearity rule)
with increasing temperature T; in front of the turbine, since hT
increases proportionally to T;. The dependence of Ne and P

sp R sp
on T; torvrﬁ = 8 and “ﬁo = 123 = 0.85; g * 0,853 Tred * 0.97;
o = 0.95, under test stand conditions (V = 0) and in flight

c.c
(MH = 0.8 and H = 11km) is shown in figure 179. 1t is seen that

increasing the temperature T: is a very effective means of aug-
menting the power of a turboprop engine.

] L7
R T

Figure 179t Dependencies of the specific power and
specific reactive thrust of a turboprop engine on the
temperature in front of the turbine.
‘'he dopendence of Ne sp and PR sp on the compressor compression
ratiorrﬁ for different values of temperature in front of the tur-

bine and otherwise identical magnitudes as used in the preceding
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oxample, is shown in figures 180 and 182, It 1s seon that the
specific effective power initially increases with increasing com-
pression rntlon‘ and subsequently begins to decrease after reach-
ing A muximum.

This type of dependence of the specific power ontg for 1‘: -
= const, that is correct at M” = O as well as in flight where
M" > 0, is due to the same causes as the nature of the dependence
of the specific thrust of a turbojet engine onn f(. These causes
were discussed at length in Chapter 9,

The grenter the tomperature in front of the turbine, the
greator will be the product of turbine efficiency and compressor
efficiency, and the greoanter will also Ve the compressor compression
ratio for which the muximum of specific effective power is obtained.
‘This compression ratio decreases with increasing airspeed and de-
creasing altitude.

The specific power will increase with increasing efficiency
of turbine or compressor, but to a different degree. This is seen
directly from formula (14.10). The dependence of N on t. and

e sp

"k 8t ¥ = 10 and T* = 1200 and 1400°K is shown in figure 181 for
k k z

M, = 0 and M o= 0.8. The solid lines in this figure refer to the

case where i ™ const but the turbine efficiency ."I‘
dotted lines correspond to 'T = const at variable compressor ef-

varies; the

ficiency k'
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Figure 1801 Dependence of the Figure 181t Dependence of

specific power of a tuiboprop the specific power o1 a turbo=
engine on the compression ratio prop engine on the efficiencies
of the compressor. ot turbine and compressor.

It is seen from the graphs in figure 81 that a variation of
turbine efficiency and compressor efficiency hus a strong effect
on the mugnitude of effective engine power, and that this effect
becomes stronger with decreasing temperature in front of the tur-
bine and decreasing flight Mach number Mh' Moreover, increasing
the turbine efficiency will always result in a greater increase
of effective engine power than increasing the compressor efficiency
by the same amount. Thisis due to the fact that the turboprop
engine differs from the turbojet engine in that its turbine power
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considerably exceeds the power required by the compressor so that,
at identical compressor efficiency and turbine efficiency, the
absolute magnitude of the losses is greater in the turdbine than
in the compressor.
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Figure 182: Dependence of the specific reactive thrust
of a turboprop engine on the compression ratio of the
compressor.

Figures 183 and 184 show the dependencies of the specific fuel
consumptions, C. and C.
bine, ‘l‘:.

p’ on the temperature in front of the tur-
It is seen that the specific fuel consumptions of a turboprop

engine, unlike those of a turbojet engine, decrease continuously

with increasing temperature in front of the turbine. This type

of dependence of the specific fuel consumptions of a turboprop

engine on the temperature 'l‘: is retained under any flight condi-

tions and is explained as follows.
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Figure 183: Dependence of the Figure 184: Dependence of the
specific fuel consumptions of a specific fuel consumptions of a
turboprop engine on the tempera- turboprop engine on the tempera-
ture in front of the turbine, ture in front of the turbine,
for He 0}y V = O, forM“-O.S and H = 11 km.

It is seen from formulas (14.8 and 14.9) that the specific
fuel consumption of a turboprop engine depends, under otherwise
equal conditions, on the effective efficisncy Ne of the engine

and the propeller efficiency qprop' But the latter is not dependent
on the parameters of the operating process of the engine, includ-
ing the temperature T;. However, the effective efficiency e of

a turboprop engine increases with increasing temperature T; and
under otherwise equal conditions (for the same reasons as the
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effective efficiency of a turbojet on‘tno). with the other direct
result, as shown above, that the specific fuel consumptions of a
turboprop engine decrense with increasing T:. Thus, increasing the
gns temperature in front of tho turbine contributes not only to an
Augmentation of the power and thrust of a turboprop engine, but in
addition always leadn to an incraase in 1ts economy ,

Figure 18% shows the dependence of the specific fuel consumptions
of a turboprop engine on the compreseor compression ratio at dife.
ferent values of temperature in front of the turbine, for MH = 0,

"O a 0, and "H = 0.8, H= 11 km, and for the same initial data as

in the preceding examples. It follows from these graphs that the
specific fuel consumption decreases with increaning compressor com-
pression ratio and subsequently begins to increase after reaching a
minimum. Here the optimum compression ratio increnses with increas-
ing temperature in front of the turbine.

Figure 185: Dependence of the Figure 1863 Dependence of the
specific fuel consumption of a specific fuel consumption of a
turboprop engine on the comnres- turboprop engine on the effi-

sion ratio of the compressor, clencies of turbine and compressor.

This type of dependence of the specific fuel consumptions of
4 turboprop engine on the compressor compression ratio n; is due to
the direct effect of the latter on the effective efficiency of the
engine, Neg* Ihe effective efficiency of a turboprop engine initial-
ly increases with incceasing n;, reaches a maximum value, and sub-
sequently decreases for the same reasons as the effective efficiency
T °f A turbojet engine (see Chapter 9). Tt is obvious that the
maximum of effective efficiency corresponds to a minimum of the apeci-
fic fuel consumptions of a turhoprop engine.

The nature of the effect of turbine efficiency and compressor
efficiency on the economy of a turboprop enginy is obvious from the
preceding relationship and is shown in figure 186. With increasing
turbine efficiency the specific fuel consumption of a turboprop
engine decreases at the same rate as the specific power of the engine
increases during this process,
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However, with increasing conpressor efficiency the specific
fuel consumption decreases at a slower rate than for the same in-
crease of turbine efficiency, since in this csse the temperature
T: at the compressor outlet is reduced {atn ﬁ = const and MH = const),
resulting in an increase of the temperaiure aifference (T: - Tﬁ)
ir T: = conet and, consequently, in ‘'an increase of the quantity of
heat added to the air in the combustion chambers.

4. Jurbopro ne

The throttling sharacteristics of a turboprop engine are defined
A9 the dependencies of the effective power, specific fuel consumption,
and reactive thrust on the rpm at a given airspeed and altitude (or
at Vv« 0 and H = 0).

s a ruleu, these characteristics are provided in the form of
curves plotted on the basis of test stand engine trials, and the
principal engine data, referred to the muximum (take-off), rated,
and cruising regimes as well as the low throttle regime of the engine,
are recorded in these churacteri.tics, as in the case of the turbo -
Jet engine. All of these regimes are similar to the corresponding
regimes of turbojet engines.

‘the typical rpm profile of turboprop engine churacteristics
is shown in tigure 187, It 1s seen that the effective power and
the reactive thrust and, consequently, .he total thrust of a turboe
Prop engine decrease rapidly with decreasing rpm, while the specific
fuel consumption increases very significantly during this process.
This is due to the reduction of the aiv flowrate, temperature in
front of the turbine, and compressor compression ratio with decreas-
ing rpm, that is to the same causes that result in the reduction of
thrust and the increase of specific fuel consumption of = turbojet
engine with decreasing rpm.
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Figure 187: Throttling characteristics of a turboprop
engine,

The degree of variation of the effective power, thrust, and
specific fuel consumption of a turboprop engine with changing rpm
depends very strongly on the control schedule selected for the
engine. Let us consider this problem in more detail, assuming for
simplif!ed reasoning that the engine h.s a common turbine four the
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compressor and the propeller in which the gas is expanded to atmo-
spheric pressure under all regimes, and that the outlet cross-sec-
tion area of the engine (of the jet nozzle) is not variable. Let
us note that these are the most characteristic conditions for the
overwhelming majority of modern turboprop engines.

In order to accomplish an equilibrium regime of a turboprop

engine the power N  generated by its turbine (or turbines) must

equal the sum of t;e powers required to drive the compressor, Nk'

the propeller, Nprop' and the auxiliary assemblies, Nr' If we
determine the turbine power from the air flowrate through the

engine (and not from the sum of the flowrates G, + Gfuel)' and if

we neglect the losses in the propeller reducing gear, we can write
this basic condition for the equilibrium regimes of turboprop engines
as followss

NT - Nk +

In other words, under equilibrium regimes the effective power

N .
prop

of a turboprop engine that is transferred to its propeller must be
equal to the power required to drive the propeller, that i»

Ne u NT - Nk = Nprop'

under given external conditions the turbine power depends, as
we know, not only on the rpm but also on the gas temperature in
front of the turbine, while the compressor power depends only on
the rpm. However, the power required to drive the propeller de-
pends, in addition to the rpm, on the angles of attack of the
propeller biades. The greater these angles are, the greater will
be the power required to drive the propeller at a given rpm.

Consequently, the regime of a turboprop engine can be varied
not only by controlling the fuel flow into the rombustion chambers
{by changing the gas temperature in front of the turbine) but also
by controlling the propeller which, consequently, is an additional
controllable element of a turboprop engine. This makes it possible,
when necessary, to accomplish also an independent variation of the
rpm of a turboprop engine and of the temperature in front of the
turbine.

For instance, let it be necessary to change the temperature
in front of the turbine of a turboprop engine, keeping the rpm
constunt, If the temperature in front of the turbine is reduced
(by reducing the fuel flow), this will cause a reduction of turbine
power, the equality Np = Nk + Nprop will be disturbed, and will
take the form NT < Nk + Nprop’ so that the engine rpm will be re-
duced. It is obvious that, in order to retain the previous rpm,
the power N

pro
with the reduction of fuel flow, to such a degree that the equality

required by the propeller must be redu.ed, together

NT = Nk + Nprop is maintained in spite of the reduction of turbine

power. For this purpose the angles of attack of the propeller
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blades must be decreased or, in other words, the propeller loading
must be reduced. Accordingly, in order to maintain the rpm of a
turboprop engine constant at increasing temperature in front of the
turbine, the propeller loading must be increased together with the
increase in fuel fiow, or, in other words, the angles of attack of
the propeller blades must be increased.

In order to reduce the rpm of a turboprop engine while keeping
the gas temperature in front of its turbine constant, the propeller
Loading must be increased, resulting in an increase of the power
Nprop required by the propeller, so that tne equality of powers will
be disturbed and will become Nprop + Nk > Nw' AS a result, the engine
rpm will be reduced in spite ot the fact thut the €as temperature
in front of the turbine is kept constant by means of controlling
the fuel flow in accordance with the reduction of the air flowrate
through the engine. The reduction in rpm leads to a reduction of
all powers, that is Nprop' Nk' and NT' and will take place until
the equality of powers is restored at a certain rpm.

The degree of the variation of the turbine power of a given
turboprop engine with changing rpm and, consequently, of the gas
temperature in front of the turbine, is dependent on the degree of
variation of the power required for driving the propeller with
changing rpm. The stronger the reduction of the power Nprop re=
quired for the propeller with decreasing rpm, the greater must be
the rate of temperature reduction in front of the turbine,
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Figure 188: Relative rpm variation of the power and

specific fuel consumption of a turboprop engine for

different changes of temperature in front of the
turbine.
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It is posaible to accomplish any rule for the variation of
propeller power with changing rpm and, consequently, it can also
be equated to the effective power of a turboprop engine under
equilibrium regimes, by means of a corresponding change of the
angle of attack of the propeller blades to accompany a change in
rpm. 1n the exceptional case where the angle of attack of the
propeller blades remains constant or, in other words, where the
pPropeller is of the fixed pitch type (VFSh), the variation of the
power Nprop with changing rpm will take pluce approximately in
accordance with the law of the cubical parabola.

Four cases of the rpm profile of turboprop engine charac-
teristics are represented in figure 188. Curve ! refers to the
case where the propeller loading is increased with decreasing rpm.
Curve 2 represents the fixed pitch propeller. Curves ) and 4 re-
fer to two cases where the propeller loading is reduced with de-
creasing rpm, in the case of curve 4 at a greater rate than in
the case of curve J.

Let us consider the form that the operating line of the turbo-
pProp engine will take for these laws for the variation of propel-
ler power with changing rpm, or rather, more accurately speaking,
the operatirg line of its turbine-compressor assembly. Let us
note that the operating line of a turboprop engine is defined, as
in the case of the turbojet engine, as the geometric location of
the points in the field of compressor characteristics that cor=
respond to the equilibrium regimes of the turboprop engine under
7z given control schedule.

Since the temperature reduction in front of the turbine with
decreasing rpm will be the more significant, the steeper the drop

in the power Np - N. with decreasing rpm, it is obvious that

rop
the operating lines of a turboprop engine that correspond to curves
1,2,3, and 4 in figure 188 will have the profile indicated by the
curves with the same numbers in figure 189.
ll"'.‘l,. 1"\\_ :-—
; o

Figure 189: Possible operating lines of a turboprop
engine.
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It follows from these operating lines of a turboprop engine
that the propeller loading must not be strongly increased with de-
creasing rpm. Generally speaking, the maximum possible propeller
loading will be the point where T: max ® €Onst is maintained under
decreasing rpm (the straight line Oa in figure 189). An even
greater increase of propeller loading will be accompanied, obvious-

1y, not only by exceeding the temperature T: that is acceptable

for the turbine, but also by the danger of th:.:quiltbrium regimes
of the engines shifting into an area of instable compressor opera-
tion which is inacceptable. The limit for the reduction of propel-
ler loading with decreasing temparature in front of the turbine is
determined by the condition l'A-.x = const. In that case the operat-
ing line of the turboprop engine coincides with the constant rpm
line, Ob. All the possible operating lines of the turboprop engine
that correspond to the different control schedules or, in other
words, to the different laws for the variation of the angles of
attack of the propeller blades with changing rpm (rpm parameter),
are located between the two limiting operating lines Oa and Ob.

The following is taken into consideration for the. selection of any
cuntrol schedule.

1. Under reducea power regimes, the same power can be obe
tained at different rpm and temperature in tront ot tue turbine
\points a, b, c, and d in figure 188). The lower the rpm in this
case, the greater will be the temperature in front of the turbine,
that is ,;,-f&,‘,' T, » and the closer will the equilibrium re-
gime of the turboprop engine shift toward the compressor surge
limit. With respect to reliability and engine life the regimes a,
b, ¢, and d are in general approximately equivalent, since, the
lower the rpm, the lower will be the forces in the engine parts
exposed to centrifugal loads but, on the other hand, the higher will

be the temperature regime of the turbine.

2. The stability margins of a turboprop engine with respect
to T: and n: will decrease with decreasing distance betwsen the
operating line of the turboprop engine and the compressor surge
limit.

J. With respect to the start-up and especially the pick=-up of
a turboprop engine thu.t control schedule is more advantageous that
ensures engine start-up and runeup from "min to "m-x at a minimum
of propeller loading. This is due to the fact that thc available
excess of turbine power, ON = N« (N e Vprop) at T¥ = const
increases with decreasing propoller loading at 1ntermedtute re-

volutions, due to the reduction of the power N required by

prop
the propeller, and the operating line of the engine will shift away
from the surge limit. In this respect, to set a propeller pitch
corresponding to the characteristic 4 (see 1igures 188 and 189)

is more advantageous, obviously, than to set a propeller pitch
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correaponding to the characteristic 2 or 1 and, even more 80, to
Oa {see figure 189),

4. ‘rhe variation of compreasor efficiency must be taken into
consideration, since the compressor efficiency can be strongly re-
duced under reduced effective power regimes when the operating line
of the engine shifts closer to the n = const line, that is the line
Ob (see figure 189).

5. ‘The variation of propeller efficiency under the different
laws for tne variation of the angles of attack of the propeller
blades with changirg rpm must be taken into consideration for the
final selection of a control schedule. In a number of cases this
consideration can have a decisive effect on the selection of one
or the other control schedule.

Let us now consider the variation of specific fuel consumption
under different laws for the variation of the effective power of a
turboprop engine with changing rpm. It is seen from figure 188 that
the minimum reduction of temperature in front of the turbine cor-
responds not only to a minimum reduction of effective power, but
also toa minimum increase of specific fuel consumption when the rpm
is reduced. On the other hand, the greater the rate of temperature
reduction in front of the turbine with decreasing rpm, the stronger
will be the increase of specific fuel consumption, and the more
significant will be the reduction of effective engine power.

However, it is readily seen that, for the same effective
power Ne obtained at different rpm (for instance, points a, b, c,

d in figure 188), the specific fuel consumptions are almost identi-
cal (points a', b', c', d'). This is due to the fact that the gas
temperature in front of the turbine increases with decreasing rpm
and at N. = const (maintained constant by increasing the propeller
pitch), but at the same time the compressor compression ratio is
reduced as a result of the reduction in rpm. An increase of the
temperature T; contributes, as we know, to a reduction of the speci-
fic fuel consumption of a turboprop engine, while a decrease of the
compressor compression ratio contributes to an increase of specific
fuel consumption. As a result, the specific fuel consumption Ce
changes very little, if at all, Therefore,at a constant fuel con-
sumption and varying rpm the effective power N° remains practically
constant.

Thus, the same reduced effective power of a turboprop engine
(for instance, cruising power) can be obtained at different rpm,
or at different propeller pitch settings, with approximately the
same economy., However, if we take into consideration the variation
of propellor efficiency that is possible here, a different final
result can be obtained with respect to the economy of the turboprop
engine, and this, too, must be taken into consideration during the
selection of a control schedule for the turboprop engine.
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Therefore, in the majority of existing turboprop engines
the propeller pitch is gradually reduced with decreasing rpm to
its minimum value, and a subsequent further reduction of rpm al-
ready takes place at constant minimum propeller pitch. Thus, for
instance, in the case of the Armstrong-Siddley "Memba" turboprop
engine the propeller pitch (the angle of attack of the propeller
bludeu) is reduced from 23° to 12° when the rpm decreases f'rom
nmax = 15,000 ton = 11,000, and is kept constant at revolutions
of n < 11,000,

Also, there is practical interest in a turboprop engine con-
trol schedule where the effective power is initially reduced as
a result of a reduction of the temperature in front of the turbine
at constant rpm (1line Ob in figure 189) which is accomplished by
reducing the propeller pitch accordingly, to a greater degree than
in the preceding case. Subsequently, the transition from some re-
duced power regime to the low throttle regime is accomplished by
reducing the rpm at constant minimum propeller pitch.

The neceasary control schedule of a turboprop engine, that
is the relationship between temperature in front of the turbine
and rpm, is realized practically by means of an appropriate linkage
between the fuel flow governor for the combustion chambers and the
governor that controls the propeller pitch,

All the relative effects of atmospheric conditions on the
thrust and specific fuel consumption of turbojet engines that
were discussed earlier, are completely valid for turboprop engines,
as well. Therefore, the test results and the rpm characteristics
of turboprop engines obtained during these tests must be reduced
to atandard atmospheric conditions. The correction formulas re-
quired for this purpose are obtained from the same conditions for
similar regimes of turboprop engines as for turbojet engines, these
being:

for corrected rpm

l"'::or - nmd 288 de'

for corrected reactive thrust

PR cor * PR md 760/pmd'

for corrected air flowrate

Ga cor * Ga md 76°/pmd Lde/zss'

It can be demonstrated that the ratiq Ne/pHUT", called the

effective power parameter of a turboprop engine, depends only on

the rpm parameter n/V To if\‘/_!:n = const, and that it also depends

on n/| Ty = const if Ne/po Ty
From this condition the correction formula for the effective
Power of a turboporp engine is obtained which is

Ne cor ™ Ne md 76o/pmd VZBB/de'

= const,
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However, as far as the specific effective fuel consumption
of a turboprop engine is concerned, it turns out that it remains
constant under similar regimes of a turboprop engine, so that it
1s not necessary to reduce it to standard conditions or, in other
words, Ce cor ® Ce md*

In accordance with the formulas obtained above, the corrected

fuel consumption per hour of a turboprop engine will equal

1 7
= Gf‘uel md 760/pmd /288 de'

PR cor’ and Gfuel cor’ it is possible to de-

Gt’uel cor
Knowing Ncor'
termine the corrected equivalent power and corrected equivalent

fuel consumptiong

Neq cor = Ne cor * PR CO!'/'”

Ceq cor ® Crua cor/Neq cor®

However, it must be taken into consideration that the obtained
correction formulas can be used only in that case where the angle
of attack of the propeller blades of the turboprop engine remains
constant, Actually, the power required to drive the propeller
during static operation equals, as we know,

Nprop = 5n7 pH/‘l‘H c,
where » is the power coefficient that depends on the angle of
attack (pitch) of the propeller blades at V = 03
¢ 1s a constant magnitude.

After dividing the individual terms of the last equality

by Py and TH’ we obtain

Nprop/PuV Ty = 8 (n/VT,) .

But under equilibrium regimes, Nprop - Ne' 80 that the ef-
fective power parameter of a turboprop engine and, accordingly,
its other similarity parameters, will depend not only on the rpm
paramoter n/V‘l'_H but also on the coefficient #y that is on the
propeller pitch. Therefore, in order to maintain the similarity
of turboprop engine regimes and, consequently, in order to apply
the formulns considered above to the engine, it is necessary to
satisfy not only the condition n/‘/'l‘_}‘l = const, but positively also
the condition that 5 = const or, in other words, the propeller
pitch must be kept constant.

However, the propeller pitch governors used in modern turbo-
prop engines do not have the capability of simultaneously main-
tatning n = const and 5 = const, since their task, as we already
explained, consists of the opposite: to vary the propeller pitch
to a certain degree with changing rpm of the turboprop engine.
Therefore, in order to obtain the similar regimes of a turboprop
engine that are required to reduce its test data to standard atmo-
spheric conditions, the propeller governor must be disconnected
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and the propeller replaced by a hydraulic brake. If no hydraulic
brake is available the propeller governor must be especially ad-
Justed s0 as to satisfy the condition » = const under the turboprop
engine regimes required for data reduction. This also represents
the primary difficulties of reducing the test results of turboprop
engines to given conditions.

5. Airspeed and Altitude Char cteristics of Turboprop E n

The airspeed characteristics of a_turboprop engine are defined
as the dependencies of the effective power, reactive thrust, and
specific effective fuel consumption on the airspeed at a given
altitude under the control schedule selected for the engine,

The tud cte i of turbopro are de-
fined as the dependencies of the effective power, reactive thrust,
and specific effective fuel consumption on the altitude at constant
airspeed and under the control schedule selected for the engine.

Sometimes the dependencies of the equivalent power of a turboe
prop engine and of the equivalent specific fuel consumption on the
uirspooq and altitude are provided, too. In that case the propel-
ler efficiency 1is conditionally assumed to be independent of air-
speed and altitude and is usually taken at a value of 0.80 to 0.8s.

Let us consider the airspeed characteristics of a turboprop
engine under an n = const and T: = const control schedule that is
widely used for these engines and provides for the simultaneous
control of fuel flow and propeller pitch.

Typical airspeed characteristics under this control schedule
for a turboprop engine withn "‘o = 8 and ‘l‘: = 1200°K and having a
common turbine for compressor and propeller in which the gas is
completely expanded to atmospheric pressure (the ‘e is no Eas ex-~
pansion in the Jjet nozzle) are shown for different altitudes in
figures 190 and 191, where all the magnitudes that refer to V = 0
and H = O are assumed to be squal to one.
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Figure 190t Airspeed characteristics Figure 191; Airspeed char-
of a turboprop engine (variation of acteristics of a turboprop
as a function of V at dif- engine (variation of & as a

. and
rollent H). function of V at diffelent H).
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It 1a seen that the effective pPower of the turboprop engine
increases very intensively with increasing airspeed at n = const
and ‘l‘: = const, while the reactive thrust decreases. However,
the specific fuel consumption is reduced significantly during this

process. This type of dependence of No s P and CQ on the air-

’
speed is due to the following reasons. d

The gas expansion ratio in the turbine increases with increas-
ing airspeed as a result of the increase of the total compression
ratio, leading to an increase of the heat drop accomplished in the
turbine at ‘l‘; = const. Therefore, the specific effective power of
the turboprop engine increases with increasing airspeed. And this
cause also has a decisive effect on the specific equivalent power
of the turboprop engine, causing it to increase in spite of the re-
duction of the specific reactive thrust during this process.

At the same time, the weight flowrate of air through the turbo-
prop engine also increases, for the same reasons as in the case of
the turbojet engine.

Thus, in this case the increase of the effective powver and
equivalent power of the turboprop engine with increas’ng airspeed
is the result of a simultaneocus increase of both, specific power
and weight flowrate of air.

. Due to the increase of the heat drop in the turbine with in-
creasing airspeed the €8s velocity c. at the turbine outlet is
slightly increased in this case, but at a significantly slower rate
than the airepeed. This leads to such a significant decrease of
the velocity difference (c,‘ = V), that is of the specific reactive
thrust, that the reactive thrust of the turboprop engine is reduced
continuously in spite of the simultaneous increase of the air flowe
rate (see figure 190).

liowever, as far as the specific fuel consumption C is con-
cerned, it is not difficult to arrive at the conclulton that in
the case under consideration this consumption decreases with in-
creasing airspeed as a result of beth, an increase of specitic power
N. sp and an increase of the excess of air coefficient a that 1s
due to the decrense of the temperature difference (‘l" - :). The
physical cause for the decrease of C with 1ncronllu airspeed is
the increase of the total conprcuton ratio and the associated in-
crease of the effective efficiency 1° of the engine.

Figure 192: Altuudo. characteristics of a turboprop
engine (vartation of N and ’R as a function of H for
different V),
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Let us now consider the second possible case of turboprop
engine control. Let us stipulate that not only T: = const and
n w const with changing airspeed (and altitude), but also that
the heat drop accomplished in the turbine remains constant. The
last-named condition can be satisfied by means of reducing the out-
let cross-ssction aren of the jet nozzle in accordance with the in-
crease in airspeed.

It is obvious that under these conditions the specific ef-
fective power of the engine will remain constant with changing air-
speed- (and altitude) (if the compressor work L, = const). Conse-
quently, when the airspeed iz ilcreased the effective power of the
turboprop engine will increase only as a result of the co.respond-
ing increase of the weight flowrate of air through the engine, that
is at a slower rate than in the proceding case.

Sincet T* const, the gas expansion ratio in the jet nozzle,
‘J.n ] p!/pﬂ. increases proportionally to the overall compression
ration : when the airspeed is increased. TFor this reason, as well
as due to the incroase of the air flowrate, the reactive thrust of
the turboprop engine in this case varies with increasing airspeed
approximately in the same manner as the thrust of a turbojet engine,
which means that it changes insignificantly at subsonic airspeeds.
As a result, the product PRV is increased, and the specific equi-

will increase in spite of the fact that No -

valent power N. sp

q sp
= const.
Calculations show that in this case the increase of N.q sp
and the decrease of the specific fuel consumption Ce are greater
with a simultaneocus increase of airspeed than in the preceding case.
Altitude characteristics of a turboprop engine are shown for
different airspeeds in figures 192 and 193. These characteristics
show the relative variation of N.. PR' and ce with changing alti-
tude in comparison to their values at V= 0 and H = O, and are plot-
ted for the same conditions as the airspeed characteristics in

figures 190 and 191,
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Figure 193s Altitude characteristics of a turboprop
engine (variation of c. as a function of H for dif=-
ferent V).

The adiabatir heat drop hT in the turbine increases with
increasing altitude at V a const, as a result of the increase of
the overall compression ratic (up to 11 km), so that the specific
effective power of the engine is increased, too. But at the same
time the weight flowrate of air through the engine is reduced, and
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this at a slower rate than the density of the atmospheric air
(for the same reasons that apply to a turbojet engine)., As a re-
sult, up to an altitude of 11 km the effective power of the turbo-
prop engine is reduced at a lesser rate than the density of the
atmospheric air, When the altitude is increased beyond 11 km, the
overall compression ratio remains n: = const, so that the specific
effective power remains constant at T; = const and, consequently,
the effective power is already reduced in proportion to the atmo«
spheric air density.

As a result of the increase of the heat drop accomplished
in the turbine the gas velocity L at the turbine outlet increases
up to an altitude of 11 km and subsequently remains almost constant.
This has the result that the specific reactive thrust is increased
up to an altitude of 11 km at V = conat and n = const, and remains
constant at greater altitudes. The increase of the specific re-
active thrust and the simultaneous reduction of the air flowrate
have the result that the reactive thrust of the turboprop engine
either insignificantly decreases or slightly increases with increas-
ing altitude up to t1 km, depending on the airspeed V = const (see
figure 192).

The specific fuel consumption C of a turboprop engine decreases
with increasing altitude up to 11'km°at V = const, T: = const, and
n = const (see figure 193) as a result of the increases of the ef-
fective efficiency ne due to the increase of the overall compres=-
sion ratio n:. On the other hand, we know that the excess of air
coefficient. decreases up to an altitude of 11 km at T: = const but
that Ne sp and Neq sp
so that the products of these magnitudes and X increase, while the

decreases at a greater rate during this process,

specific effective fuel consumption and equivalent fuel consumption
are reduced. At altitudes of H > 11 km it is obvious that Ce =
= const and Ce = const.

If the heat drop accomplished in the turbine is kept constant
under all flight conditions (by means of controlling the jet nozzle
area), the effective power of the engine will drop at a faster
rate with increasing altitude than shcwn in figure 192, but still
at a slower rate than the atmospheric air density. This is due to
the fact that the specific effective power remains almost constant
while the air flowrate through the engine varies with altitude at
the same rate as in the preceding case.

The gas expansion ratio in the jet nozzle increases with in-
creasing altitude and ¢, = const (up to an altitude of 11 km) for
the same reasons that apply to an increase of airspeed (due to
the increase ofn :). As a result, the reactive thrust of the
turboprop engine is reduced to a lesser degree than shown in figure
192,
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As far as Ne and C‘q are concerned, in this case (at

.'l‘ = const) their d::ree of variation with changing altitude at

V = const {is approximately the same as that obtained for complete
gas expansion to atmospheric pressure in the turbine (that is, for
an increase of ‘T with iacreasing altitude).

It must be taken into consideration that, in order to fully
utilize the airspeed and altitude characteristics of turboprop
engines that were considered above, the reducing gear must be de-
signed for the maximum effective power that is obtained at maximum
rpm during flight at maximum speed near the ground (or, failing
this, at low altitude), But 1f the pPropeller reducing gear of a
turboprop engine is designed for this maximum possible power that
exceeds, at the maximum airspeeds of modern aircraft with turboprop
engines, the maximum Power of a turboprop engine during static
operation on the ground by 50 to 70 %, the weight and size of the
reducing gear can become excessively great. Therefore, in order to
reducc the weight of the reducing gear and, consequently, to re-
duce the weight of the engine as a whole, the reducing giar of a
turboprop engine is very frequently not designed for the maximum
effective power that could be obtained from the engine under flight
conditions, but for a lesser power which, however, at the same time
provides both, the required airspeed at the given design altitude
and the take-off of the aircraft. However, in that case it is also
necessary to limit the designed effective power of the turboprop
engine with respect to the reducing gear. This type of limit for
the effective power of a turboprop engine is indicated in figures
190 and 192 by the dash-dot lines ao for the case whera the deaigned
power with respect to the reducing gear is the power (point a)
generated by the turboprop engine at an airspeed of 3J00 m/sec and
an altitude "dn = 8 km which in this case is called the designed
altitude of the engine. It is obvious that the area of the air-~
speed and altitude characteristics of a turboprop engine that is
located above the limiting line oa cannot be utilized,

In this case, the altitude characteristic of the turboprop
engine at the given airspeec is already representad by the line oab,
rather than cab (see figure 192),

Maintaining the effective Power of a turboprop sngine constant
when the altitude is reduced from the designed value Hyee (point a)
to the ground (point o) can be accomplished by reducing the tempera-
ture ‘l‘: in front of the turbine at n = const, or by reducing the
rpm at T: = const and changing the propeller pitch accordingly. The
first procedure is more advantageous, for the reasons discussed in
the preceding paragraph.

Turboprop engines having the effective power l'mitation dis-

cussed above are called l&m_‘mm'_ and are most widely

employed today.
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CHAPT) 1
DU/ L-FLOW TURBOJET ENGINES

1. General Ob:ervntiong

Dual-flow turbojet engines (m‘RD) differ from turbojet engines
of conventional design in that the turbine drives a low pressure
compressor or secondary circuit fan in addition to the compres:or
and auxiliary assemblies.

One of the possible designs of a dual-flow turbojet engine isa
shown in figure 194. 1In this engine the same turbine 4 drives the
compressor 2 and the fan | located in an annular duct 3. In this
case the function o; this fan is performed by the first stages of
the axial-flow compreasor 2, and for this purpose their blades are
lengthened accordingly. The remaining elements and their relative
positions remain the same as in a turbojet engine of conventional
design,

Figure 194; Diagram of & dual~flow turbojet engine:

| - fany 2 - compressor; 3 and 7 - annular ductsg

4 - turbine; 5 and 6 - Jjet nozzles; 8 - combustion
chambers,

The flow section of the engine, consisting of the axialeflow
compressor 2,the primary combustion chambers 8, the turbine 4, and
the jet nozzle 6, is called the primary circuit of a dual-flow turbo-
Jet engine, which means that the primary circuit of a dual-flow
turbojet engine by nature represents a turbojet engine of conven-
tional design.

The annular duct 7 with the tan 1 located in it represents
the secondary circuit of a dual-flow turbojet engine. Only air
accelerated by the fan flows through the secondary circuit. This
air bypasses the primary combustion chambers and the turbine, and
is expelled from the engine parallel to the gas flow departing from
the jet nozzle 6 of the primary circuit., In some dual-flow turboe-
Jet engines the air from the secondary circuit is mixed with the
combustion products of the primary circuit behind the turbine and
subsequently departs together with them through a common jet nozzle
5.

The thrust of a dual-flow turbojet engine is made up of the
reactive force of the gas flow accelerated in the primary circuit
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(that departs from the jet nozzle 6) and the reactive force of the
air flow accelerated by the fan in the secondary circuit,

Also, the secondary circuit fan of a dual-flow turbojet engine
can be driven by a Separate turbine located behind the compressor
turbine, as shown in figure 195 or figure 196,

Figure 1951 Diagram of a dual-flow turbojet engine
with fan located forward.

Figure 196t Diagram of a dual=-flow turbojet engine
with fan attachment aft,
The effect of the secondary circuit fan (in the sense of

thrust generation) is similar to the effect of a multi-blade propel-
ler rotating in an annular shroud. We know from propeller theory
that such a "fan-type" propeller differs from a normal propeller

in that it has greater efficiency at high airspeeds but poor ef-
ficiency at slow airspeeds and during take-off, has a lower weight,
and requires no reducing gear to reduce the rpm when it is driven
by a turbine. PMgure 197 shows the approximate dependence of the
efficiency of a fan-type and a normal propeller on the airspeed.
For comparison purposes the dependence of the propulsive efficiency
of a turbojet engine on the airspeed is also provided in this figure.
Consequently, the dual-flow turbojet engine (without fuel combustion
in the secondar; circuit) occupies an intermediate position, with
respect to economy and propulsive efficiency, between the turboprop
engine and the turbojet engine of normal design. It is inferior in
this respect to the turboprop engine during take-off and at slow
mirspeeds, but superior to it at high airspeeds where the effictiency
of a propeller decreases rapidly. At the same time, the dual-flow
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turbojet engine is superior with respect to economy to the turbo-
Jet engine of normal design at relatively slow airspeeds, since it
has a better propulsive efficiency under these conditions, due to
the lower exhasust velocity of the atr and gas, compared to the
turbojet engine. However, at high atrspeeds such a dual-flow turbo-
Jet engine ta inferior to a turbojet engine of conventional design.

T ey

A 38|

e

Figure 197, Dependence of the efficiencies of a

propeller (1), a fan-type propeller (2), and of the

propulsive efficiency of a turbojet engine, on the
airepeed.

The thrust of o dual-flow turbojet engine can be augmented
by means of burning sdditional fuel, either in the secondary
circuit air flow or behind the turbine of the primary circutt.
However, at subsonic and comparatively slow Supersonic airspeeds
this type of thrust augmentation of a dual-flow turbojet engine
will yield a smaller increase of thrust and & vignificantly greater
increase of specific fuel consumption than fuel combustion behind
the turbine of an afterburning turbojet engine (‘!‘RDF) having the
Same parameters for the operating process as the primary circuit
of the dual-flow turbojet oeng:ine.

However, at significant supereonic airspeeds a dual-flow
turbojet engine with fuel combustion in the secondary circuit
(DI"RDP) is already approximately equivalent, under otherwise equal
conditions, to an afterburning turbojet engine with respect to its
specific thrust (referred to the total air flowrate through both
circuits) and specific fuel consumption, Consequently, for the
Same thrust the diametric dimensions of the axial-flow compressor
and turbine of a dual«flow turbojet engine with thrust augmentation
can be smaller than those of a turboj-t engine or afterburning turboe
Jet engine. The employment of o dual-flow turbojet engine with
thrust augmentation at supersonic airspeeds can prove advantageous
sspecially for this reason.
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2. - ) E

The thrust of a dusl-flow turbojet engine is made up of the
thrust P' generated by the primary circuit, and the thrust Pz
generated by the secondary circuit. These thrust components equal

-% :
P, < o=V
P= (:? (e, ~ V)

Consequently, the total thrust of a dual-flow engine will
equal
P=c, vy B, —v)
£ e £ (15.1)
where c.' is the exhaust velocity of the combustion products from
the jet noszzle of the primary circuit;
€2 is the exhaust velocity of the atr from the secondary
circuit)
and G.z are the weight flowrstes of the air through the primary
and the secondary circutit, respectively.
The specific thrust of a dual-flow turbojet engine can be
referred either to the air flowrate 0.‘ through the primary circuit
only, or to the overall atr flowrate through the engines

cnl

Gy 0" Goy * G2

In the first case we obtain from equation (15, 1)

1
fap= e s x, ~ ), (15.2)

where K = G.z/G.‘ is cnlled the dual-flow ratio, Modern dual-flow
turbojet engines have a value of X = 0.) to 2.3 and sometimes more,
depending on their purpose.,

Under otherwise equal conditions the specific thrust, referred
to the air flowrate through the primary circuit, determines the
specific fuel consumption of a dual-flow turbojet engine. This
is due to the fact thut the fuel consumption per hour of a dusl-
flow turbojet engine depends only on the atr flowrate through the
primary circuit and on the oxcess of air cosfficient in the primary
comhustion chamhers of that circuit, since

Gruye1 1 = 1600 c“/:'lo.
\ccordingly, the specific fuel consumption of a dual-flow
turbojet engine will equal

c.p = Gprie1 ‘/P' + P, =« 3600 cnI/’llo(Pl . P:,).

However, G“/P' +P, = 1,’P;p. so that

Cop = 3600/1|1°p;p . (15.3)
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Thus, the greater the specific thrust of a dual-flow turbojet
engine, referred to the alr flowrate through the primary circuit,
the lower will be the specific fuel consumption of that engine at
a given Il.

If we refer the specific thrust to the overall air flowrate
through the dual-flow engine we obtain

L]
Psp = p,wz/cu(ux)
- ]
but since Pl Pz/G&' = Pup' it applies that

Py - p;p/1 + K, (15.4)

This specific thrust determines the diametric dimensions of
A dual-flow turbojet engine. The smaller P"P, the greater must
be the overall air flowrate through the engine for a prescribed
total thrust and, consequently, the greater will be the diametric
dimensions and weight of the engine under otherwise equal condi-
tions, and the smaller will be its drag-to-thrust ratio.

If additional fuel is burned in the secondary circuit, the
gas exhaust velocity from this circuit will increase under other-
wise equal conditions, and will become ¢

>
2aug e2
It is obvious that the specific thrust values P' and

ng aug for a dual-flow turbojet engine with thrust asg;:ﬁtation
whose secondary circuit afterburner is in operation can be deter-
mined in accordance with the same formulas (15,2) and (15.4) that
are applicable to the dual-~flow turbojet engine, if we substitute
cznug for Co2 in these formulas.
The jet nozzle area of the secondary circuit must be increased
when additional fuel is burned in the secondary circuit in order
to keep the regimes of the secondary and primary circuit constant.
Otherwise the air flowrate through the secondary circuit fan will
be reduced as a result of the increase in &as temperature between
the fan and the jet nozzle of the secondary circuit which, obviously,
will lead to a reduction in the power required for driving the fan.
But in that case the gas temperature T: in front of the turbine in
the primary circuit must be reduced in order to maintain the
previous engine rpm, and the thrust of the primary circuit will be
reduced. As a result, the increase in overall thrust will be in-
adequate, and in a number of cases this can even lead to a reduction
of the overall thrust of a dual-flow turbojet engine with thrust
asugmentation in comparison to a dual-flow turbojet engine.

Let us designate by x the energy distribution coefficient in
a dual-flow turbojet engine, or the ratio between the energy Lz
consumed to drive the secondary circuit fan and the available
energy L., that is

x = 1.2/1...
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That part of the available energy that is attributable to the
secondary circuit, L2 = ng, is consumed for converting (with the
aid of the fan) the kinetic energy of the air stream flowing through
this circuit, equaling G&(c’—l’-‘

and, in addition, is consumed for losses in the turbine, fan, and
duct of the secondary circuit., On this basis we can write

4':': - |7
*nQ, = G g,
whence, substituting Gaz/cat = K, we obtain

",=’/ 2£’L¢"lz%+ Ve,
where 712 is the efficiency of the secondary circuit that takes into
consideration the losses of available energy mentioned
above.,

The parameters of the operating process of the primary circuit
of a dual-flow turbojet engine, that is the compressor compression
ration l:
of the turbine and the turbine efficiency nT' and so on, determine
the magnitude of available energy Le' The dependencies of the

and compressor efficiency nk' the temperature T: in front

specific thrust and specific fuel consumption of a dual-flow turbo-
Jet engine on these parameters for given parameters x, K, and 'nz
of the secondary circuit must be the same by nature as those of a
turbojet engine. Therefore, we shall not stop to discuss these de-
pendencies but shall consider the effect of the parameters of the
secondary circuit on the thrust and specific fuel consumption of a
dual-flow turbojet engine.

In the general case of a dual-flow turbojet engine, where the
hcad of the secondary circuit fan is not a previously established
magnitude, the energy distribution coefficient x and the dual-flow
ratio K will be independent variables.

The dependencies of the specific thrust ng and specific fuel
consumption of a dualeflow turbojet engine and a dual~flow turbojet
engine with thrust augmentation on the energy distribution coeffi-
cient x for different dual-flow ratios and for '12 = 0.75, V= O,
and H = 0 are shown in figures 198 and 199, Also plotted for
comparison purposes in these figures are the values of Pa and C’p
for a turbojet engine under the same parameters of the operating
process that apply to the primary circuits of the dual-flow turbo-
jet engine and the dual-flow turbojet engine with thrust augmenta~
tion, that is for ";0 = 7, T; = 1200°K. ‘1{. = 0.9, 'nk = 0,85, and
‘PJ.n = 0.96, 1In principle the nature of these dependencies is alaso
retained in flight, provided that the condition of the expediency
of using a dual-flow turbojet engine is satisfied (-90 below).

It is seen from figures 198 and 199 that the specific thrust of
a dual-flow turbojet engine, and at low values of x and T:us 2 also
of a dual-flow turbojet engine with thrust augmentation, is sig-
nificantly less than that of a turbojet engine (where K a 0). This
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is due to the fact that in these cases the shift of part of the
available energy to the secondary circuit has the result that the
gas exhaust velocity from the primary circuit is reduced, while the
exhaust velocity of the air (gas) from the secondary circuit is less
than that of a turbojet engine,
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Figure 198: Dependence of the specific thrust and
specific fuel consumption of a dual-flow turbojet
engine on the distribution of the available energy
for different values of K.

Legends:

v~ Psp turbojet * 65

2 ~ turbojet engine

Moreover, with increasing dual-flow ratio K at x = const and
under otherwise equal conditions, the specific thrust P"p of a duale
flow turbojet engine is reduced, since in that case the exhaust
velocities of the air and gas from the secondary and primary cir-
cuits will be reduced. But at the same time the increase of pro-
pulsive efficiency that is associated with a reduction of exhaust
velocity leads to a reduction of the specific fuel consumption.
Thus, for instance, at K = 1.5 and V s O the specific thrust P" of
a dual-flow turbojet engine amounts to 50 to 60 €, and the lpuctf!c
fuel consumption to 70 to 75 %, respectively, of the P and c.p
of a comparable turbojet engine, as seen from figure |98.

lowever, the specific fuel consumption of a dual-flow turboe-
jet engine with thrust augmentation increases continuously with
increasing dual-flow ratio K and under otherwise equal conditions
(see ficure 199). This is due to the fact that the air compression

ratio in the secondary circuit (that is, L ) decreases with in-

creasing K at x = const and Le = const, -or::nt the heat utiliza-
tion that can be obtained during the combustion of additional fuel
in the secondary circuit will deteriorate.

It also follows from figures 198 and 199 that an optimum value

of the energy distribution coefficient, x exists in dual-flow

opt’
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turbojet engines as well as in turboprop engines that corresponds
to the maximum epecific thrust and minimum specific fuel consump-
tion under given conditions.

Calculations show that, the smaller the dual-flow ratio and
the effictiency nz of the secondary circuit, and the greater the
airspeed and the velocity coefficient of the Jet nozzle of the
prisary circuit, the smaller will be 'opt or, in other words, the
saaller will be that part of the avatlable energy that must be
transferred to the secondary circuit of a duale-flow turbojet engine.

are |1} ]
YW Qo 05 g =

Figure 199: Dependencies of the specific thrust and

specific fuel consumption of a duale-flow turbojet

engine with thrust augmentation on the energy distri-
bution for different values of X.

Legends:
1 = turbojet engine
2 - r:u‘ = 1700¢K

) - c.p turbojet

The dependencies of the coefficient ’opt on the d:-l-ﬂov
ratio K for a dual-flow turbojet engine with 1‘: = 12007°K, "‘0 -7,
'\* = 0.90, n * 0.85, Ny = 0.75, and va.' = 0.96 are shown in
figure 200 for two cases, during static engine operation (M" = 0)
and in flight (n" ® 1.2 and H e 1t km), It is seen that, in both
cases, the valued 'opt increases rapidly with increasing K.

The optimum value of the energy distribution coefficient also
increases with increasing gas temperature in front of the turbine,
increasing compression ratio (up to a certatn 1imit), and increas-
ing efficiency of the primary circuit compressor.

Since under otherwise equal conditions, each value of the
dual-flow ratio X corresponds to an optimum magnitude Xont of the
energy distribution coefficient, x must be varied at the same time
when there is a change in K in order to obtain a maximum gain of
specific thrust.
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Calculations also show that the optimus value of the coeffi-
ctent lop' increases with increasing degree of heat increase of the
air in the secondary circuit of a dual-flow turbojet engine with
thrust augmentation, under otherwise equal conditions. The dependence
on 'opt for a dual-flow turbojet engine with thruet augmentation at
different values of f:u‘.‘, and under different flight conditions is
indicated by the dotted lines in figure 200 that are plotted for
the same parameters of the operating process that were used for

the dual-flow turbojet engine in that graph.

®opt 1 T 4

Figure 2003 Dependence of the optimum energy distribution
on the dual-flow ratio for a dusl-flow turbojet engine and
A dualeflow turbojet engine with thrust augmentation.

Legendst
Ve Taua 2
2 = dual-flow turbojet engine

J - dual<flow turbojet engine with thrust sugmentation

J. of pugl-Flow Turbo upl-
[ n hru

The characteristics of dual-flow turbojet engines and dual-flow
turbcjet engines with thrust augmentation are defined as the de-
pendencies of their overall thrust and specific fuel consumption
on the rpm at a given airspeed and altitude (throttling charac-
teristics) and on the airspeed or the altitude under the selected
control schedule.

Under identical air flowrates through the compressor (the
primary circuit) aud equal parameters of the engine operating process
(except for the secondary circuit), these characteristice occupy
an intermedinte position between the corresponding characteristics
of turbojet engines and turboprop engines.

The rpm characteristics of a dual-flow turbojet engine differ
by the following special features from the rpm characteristics of
a turbojet engine having the same parameters for the operating
process as the primary circuit of the dual=flow turbojet engine.
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The power required to drive the secondary circuit fan of a
dual-flow turbojet engine equals

Ntan2 * Ca2bran2/75
where Lf.\z is the effective work of the secondary circuit fan.
Consequently, we must write for the equilibrium regime of a
dual-flow turbojet engine

Yr® Y% * Vean2

or, determining the turbine power with respect to the airflowrate

* N
r

c.‘ instead of the gas flowrate, and reducing to G.'. we can write

Lp o Ly o KLpoae

As & rule, the designed magnitude for the head or compression
retio of tho secundary circuit fan of a dual-flow turbojet engine
19 always smaller than that of its primary ctrcuit compressor,
Thorefore, the air flowrate through the secondary circuit decreases
with decreasing rpm, for the reasons discussed in Chapter 10, at
A slowver rate than the air flowrate through the primary circutt
compressor, 8o that the dual-flow ratio K will increase during this
procese. At the same time, the Pressure drop in the primary circuit
Jot nozzle of a dual-flow turbojet engine is usually subcritical
under the maximue regime at V = 0 Aand H = O. Therefore, when the
rpm is reduced (otnrttng out from maximum rpm) the gas expansion
ratio "r reduced (unrnng out from maximum rpm) the gas expansion
ratio ‘l‘ in the turbine of a dual-flow turhojat engine with F. -
® const immediately begins to decrease, while in a turbojet engine
with r. = const the ratio '1. initially remains constant with de-
creasing rpm.

Increasing the dual-flow ratio K and decreasing .‘l‘ at a faster
rate will have the result that, under otherwise equal conditions,
the gas temperature in front of the turbine of a dual-flow turbojet
engine will decrease at a slowver rate with decreasing rpm than that
of a turbojet engine, and this rate will slov down with increasing
designed value of X at Pax’

Therefore, the operating line of a dusl-flow turbojet engine
with r. = const will have a greater slope than the operating line
of a turbojet engine with P. ® const, as shown in figure 201,
Consequently, under reduced rpm the stability margin of & dual-flow
turbojet engine with P. = const will be smaller, and its pick=-up
poorer than for a turbojet engine with l‘. = const and with a designed
compressc.' compreseion ratio that equals the m "( des of the primary
circuit compressor of the dual-flow turbojet engine. It is obvious
that, under otherwise equal conditions, these stability margins of
a dusl-flow turbojet engine decreass with increasing designed value
of K.
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Figure 201 Operating lines of dual-flow turbojet
engines for different dual-flow ratios.

Legend:
! - turbojet engine (K = 0)

Moreover, as a result of the slower rate of temperature de-
crease in front of the turbine with decreasing rpm, the overall
thrust of a dual-flow turbojet engine decreases at a relatively
slower rate, and the apecific fuel consumption increases at a
relatively faster rate, than the thrust and specific fuel conaump-
tion of a turbojet engine. As an example, figure 202 shows the
relative variation with respect to rpm of the thrust and specific
fuel consumption of a dual-flow turbojet engine with K = 2 (solid
lines) and of a turbojet engine (dotted lines) having the same
* max ® 1200°%, Nf = 0.9, and T, = 0.85, where the
thrust and mpecific fuel consumption of both engines are assumad

i des =T+ T

to be equal to one at the maximum regime.
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Figure 202: Throttling Figure 203: Alrspeed
characteristics of dual-flow characteristics:
turbojet engines. 1 ~ dual-flow turbojet engine;
Legend: 1 = dual-flow turbojet 2 - turb:Jot engine; 3 - turbo
engine; prop engine.

2 = turbojet engine.

The profile of the airspeed and altitude characteristics of
dual-flow turbojet engines depends on the selected control schedule.
In principle, the control schedules of dual-flow engines at

maximum thrust are the same as for turbojet engines, for instance,

and 7
M T nst oy T CORNSE

X, = const " Fyas conet,
an
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in addition to T:ugz = const for dual-flow turbojet engines with
thrust augmentation.

As far as the conditions

X = x and X = K .

opt des
are concerned, their realization under varying airspeed and altitude
at the same time with n = const and T# = const(or F, = const) re-
quires such a great engine control system complication that it is
not always practically poasible by far,

+It can be considerably simpler to accomplisn the following
control achedulest:

for dual-flow turbojet engines:

Ja=const, T, =rconsl; r=const:

for dual-flow turbojet engines with thrust augmentation:

- * .
n = constj ‘l‘z = const; T-ugz a const; Kk = consat

But even these schedules require variable area jet nozzles
in both circuits of dual-flow turbojet engines.

For comparison, figure 203 shows the airspeed characteristics
of a dual-flow turbojet engine for K = 2, ﬂ2 = 0.75 (solid curves),
and of a turbojet engine and a turboprop engine under identical
control schedules, that is under n = const and T;’- const. The
values of thrust and specific fuel consumption of the turbojet
engine at V = 0 and H = 0 are assumed to be equal to one. The
following are equal in all three compared engines: air flowrates
through the compressor (in the case of the dual-flow engine, through
the primary circuit) under test stand conditions; temperature in
front of the turbine, T; - 1200°K; compression ratio and efficiency
of the compressor, M ﬁ des * 7 and ﬂk = 0.85; and turbine efficiency
= 0.9.
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