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sagas 
This summary report describes the preliminary design of the Army VTOL 
Botary Wing Composite Research Aircraft (CRA). The vehicle is configured 
to meet the requirements, and satisfy the objectives, of this program. 

This CBA design was the result of combining the most desirable features of 
a helicopter with those of a fixed-wing aircraft. The vehicle derived vas 
capable of hovering as a helicopter with low rotor downwash velocity and 
yet cruise at high speed with economy and little noise or vibration. Use 
of the rigid-rotor system supplied positive control moments, in-flight 
rotor stop/start capability, and a simple blade -folding/stowing mechanism. 

The CRA can fly up to the conversion speed in the helicopter mode transfer 
lift and control :o the conventional fixed-wing surfaces, stop tne rotor, 
fold the blades and retract the rotor and blades into the top of the 
fuselage. This process is reversible to convert fron the fixed-wing con- 
figuration to the helicopter. 

The results of this study indicate that the CRA is feasible and additional 
study and development should be undertaken. 

Hi 
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FOREWORD 

The Composite Research Aircraft Review draft report was submitted 
June I« 1966 to the U. S. Army Aviation Materiel laboratories in response 
to the Statement of Work for Contract DA 44-177-AMC-372(T). This import 
consisted of three volumes: I, Technical; II, Management; and III, Cost. 
Tlie technical volume was composed of Barts A through P (Data Item 15-OOU-R), 
hound In separate books. 

Selected portions of these books have been combined and are reproduced 
herein to provide a summary and condensation of all technical information 
in a single document. 
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It has long been recognized that the relatively low disc loading of the 
helicopter has the most efficient hover capabilities of the VTOL (Vertical 
Takeoff and landing) type aircraft. It is also recognised that the simple 
fixed-wing aircraft has the most efficient lift producing system In the 
300- to -l+00-knot speed range. The objective is to combine these charac- 
teristics into cne research aircraft which will provide a VTOL aircraft 
with significantly increased productivity, increased range, reduced fuel 
logistics, and low noise level. 

The need for a vehicle of this type has been recognized for many years. 
In 1950, the Air Force conducted a design competition to evaluate three 
types of high-speed VTOL aircraft: the XV-l, XV-2, and XV-3. However, the 
forward speed was limited to only 200 miles per hour. The XV-l, designed 
and tested by McDonnell Aircraft Corporation, was a compound aircraft with 
a gross weight of approximately 5000 pounds, and the rotor was driven by a 
pressure Jet system and the vehicle was propelled forward by a pusher pro- 
peller. The XV-2 program was limited to a study and wind tunnel test of a 
Btopped-rotor configuration and was conducted by Sikorsky Aircraft Corpora- 
tion. The XV-3 consisted of a tilt rotor configuration with a gross weight 
of 5000 pounds, and was tested by Bell Helicopter Corporation. 

It is generally agreed that the results of this program established the 
technical feasibility of the concepts that were flight tetted; that is, the 
XV-l compound and the XV-3 tilt rotor. The stopped-rotor concept, however, 
was not carried through a flight test program and therefore has not ht& the 
opportunity of a demonstrated acceptance. 

Recent development of the rigid-rotor system, which eliminates the need for 
conventional flapping and lead-lag hinges, offerB an opportunity for 
developing a successful stopped-and stowed-rotor concept. Such programs 
as the XH-51A helicopter and the testing on a modified compound XH-51A, 
which led to the award of the Advanced Aerial Fire Support System (AAFSS),. 
form the basis for the design, as presented in this report, of a stopped- 
rotor system. 

Recently, technical feasibility of the stopped-rotor concept was positively 
confirmed with the successful completion of a wind tunnel test program 
using a full-scale 33-foot-diameter rotor in the HASA-Ames ko X 60-foot 
wind tunnel, reference BuVfeps Contract, HOw 66-02U6-f. Rotor start and 
stop testing, with blade folding and extending, was performed in the tunnel 
tests. Start/stop tests were made at wind tunnel speeds and rotor angles 
of attack of 80 knots from 0 to 12 degrees, 100 knots from 0 to 6 degrees, 
120 knots from 0 to 2 degrees, and ll+O knots at 0 degrees. A total of 55 
start/stops were successfully completed. In conjunction with the start/ 
stop tests, blade folding and extending tests were conducted at speeds up 
to l40 knotB. 



Early testing on this full-size rotor showed that the control system must 
be stiff during the rotor start and stop phase. Tests with this original 
model produced blade-bending moments that resulted in "blade permanent set. 
Subsequent to these tests, however, the control system was redesigned and 
the control actuators were located closely coupled with the swash plate 
enabling the wind tunnel program to be successfully completed. 

Bftsultt of these tests can be used to substantiate the analysis and design 
of the stowed-rotor concept. This wind tunnel test vehicle was designed 
to transition at a forward speed of lifO knots with a margin over transi- 
tion to lto knots. 

The preliminary design of ohe Composite Research Aircraft (CRA) incor- 
porates design features of this test rotor. Control actuators are close 
coupled with the swashplate. A siuiple fold mechanism developed on the 
test rotor has also been employed. TheBe tested mechanical design features, 
coupled with the successful completion of the wind tunnel tests, provide a 
high degree of confidence that the stowed-rotor concept will be success- 
fully developed. 

The following sections of this report summarize the application of the 
stopped rotor into a composite aircraft configuration. 



PART 1 

DESIGN CONCEIT 

SECTION 1 

COMPOSITE AIRCRAFT CONCEPT 

For many years, attention has been directed toward a composite aircraft 
which would exhibit the VTOL capability of the helicopter and the high 
forward speed capability and cruise efficiency of the fixed-wing aircraft. 
A number of military missions exist where vertical takeoff requiring low 
rotor disc loading in conjunction with maximum forward speed and/or cruise 
efficiency greater than that of existing helicopters would greatly enhance 
overall mission effectiveness. Prime examples are logistics, ground troop 
transport, surveillance, target acquisition, and ASW missions. 

During the past 20 years, the helicopter has performed those missions which 
require VTOL capability. However, helicopter operation in these missions 
has been inefficient, particularly with regard to high operating costs and 
low forward speeds. Application of the shaft turbine to the helicopter 
and improvements in mechanical design have contributed greatly to reducing 
direct operating costs; and while forward speed capability has improved, 
significant increases are not in evidence in operational helicopters. 

The fundamental characteristics of the helicopter speed constraints have 
been identified and understood for many years. These constraints are pri- 
marily associated with compressibility effects on the advancing rotor blade 
and stall effects on the retreating rotor blade. While both phenomena 
increase power required by the main rotor, it is their profound effect on 
aircraft vibration and rotor stress levels that represents the practical 
forward speed constraint. 

In view of the forward speed requirements of a composite aircraft, i.e., in 
excess of 300 knots, it is apparent that a successful composite concept 
must be one in which the forward speed constraints of the conventional rotor 
-re completely removed. While there are a number of configurations which 
accomplish the combination of VTOL and high-speed capability, there are a 
limited iiumber of concepts which exhibit VTOL capabilities in conjunction 
with IOW disc loading, i.e., less than 10. The low disc loading require- 
ment, which evolves from the need for operational capability from unprepared 
sites and with low noise signature, clearly indicate? the use of a conven- 
tional shaft-driven rotor in the VTOL mode. 

The requirement for maximum forward speed and/or cruise efficiency com- 
parable to that of the conventional fixed-wing airplane implies overall 
configuration lift-to-drag ratios of 10 or greater; thus, in the high- 
speed flight mode, the composite aircraft must closely resemble conven- 
tional fixed-wing airplanes. 



The most successful direct means of relieving, but not eliminating, the 
helicopter rotor speed constraints are represented by the compound heli- 
copter. In this configuration a fixed wing is installed to provide lift 
at high forward speed, and a separate forward propulsion device is provi- 
ded. While this relief of the rotor speed constraints allows the compound 
helicopter to fly at speeds much in excess of the conventional helicopter, 
such unloaded rotors still exhibit a fundamental limitttion on forward 
flight speed. 

Thus, the stowed rotor concept evolves as a means of removing the forward 
flight limitations of the unloaded compound rotor. Stopping and starting 
a conventional rotor in forward flight has been demonstrated successfully 
by many investigators. Recently, Lockheed has conducted extensive wind 
tunnel tests to establish optimum starting and stopping procedures for the 
rigid-rotor system, and the aeroelastic design criteria imposed by such 
optimum procedures. Folding a stopped rotor in flight requires automatic 
folding provisions identical to those required for folding helicopter 
rotors aboard Navy aircraft carriers. Finally, stowing the folded rotor 
requires a mechanical linkage similar to that used for retracting a con- 
ventional aircraft landing gear. Feasibility of the entire stopping, 
folding, starting cycle with the rigid rotor has been recently verified in 
the Ames UO- x 80-foot Wind Tunnel at forward speeds of 80, 120,and IkO 
knots. The mechanical design evolved for folding and stowing coupled with 
the success of the wind tunnel tests provides a high confidence level in 
the successful completion of this CRA concept. 

The stowed-rotor configuration retains the excellent hovering capability of 
the helicopter; and, by relieving the rotor of any forward speed lift or 
propulsion assignment, the configuration exhibits good high-speed charac- 
teristics. Forward speed potential for this concept is comparable to 
fixed-wing aircraft and simply depends upon the nature of the forward 
propulsion means, i.e., propellers or turbefans. 

Tnis concept not only offers an opportunity for removing the forward flight 
limitations, but it retains the capability for flying in the compound mode 
above the transition speeds for stowing. Thus, in a mission application 
requiring a high dash speed, it is possible to fly the stowed rotor concept 
up to forward speeds in excess of 200 knots without requiring any form of 
conversion. This nonconversion characteristic is possible by using a 
combination of separate lift and propulsion devices that facilitate a 
high-speed flight similar to a compoiuid configuration while still providing 
th* stowing feature required for higher speed operation in the airplane 
mode. 

Any meaningful concept selection must be based on evaluations which con- 
sider the basic objectives and final utilization of a composite aircraft. 
These basic objectives are to obtain» in a single vehicle, the transport 
productivity, range capability, and high-speed potential of the fixed-wing 
aircraft and the low-speed capability (hover endurance) of the helicopter. 
I'Sxrther, these composite aircraft performance characteristics are to be 



available in special environments where low noise levels must be maintained 
and where operation from unprepared sices is mandatory. Finally, the 
intended operating environment introduces fuel logistics as a significant 
consideration. 

Thus, concept selection must be based on the basic premise that many mis- 
sion profiles will evolve for the composite vehicle, each with varied 
requirements for: 

• High transport productivity 

• High-speed capability 

• VTOL performance (hovering endurance) 

As such, the optimum composite aircraft concept must be one which is free 
from fundamental constraints on these three basic performance requirements. 
The stowed rotor concept is free from such constraints and displays the 
versatility required to yield productive configuration solutions to mission 
profiles which emphasize, to varying degrees, the three basic performance 
requirements. 

When considering the transport productivity of various vehicles, it is 
common practice to compare the product of payload and cruise velocity 
divided by empty weight. Such a comparison may be meaningful if the 
vehicles being compared are very similar in configuration. While the 
assumption is generally accepted thot payload times velocity is a measure 
of effectiveness, empty weight is only a measure of "flyaway cost" when 
configurations are essentially identical. The true measure of transport 
productivity must reflect all operating costs attendant to transporting a 
pound of payload at a given cruise velocity. 

In the case of the stopped-folded-stowed rotor concept, it is clear that 
direct operating costs associated with the main and tail rotors and their 
control systems will not be comparable to conventional rotary-wing compo- 
nents, since they are utilized for a fraction of the total mission time. 
Further, the weight fractions (i.e., portion of empty weight) of these 
components are substantially reduced, since they are not required to 
operate at forward speeds or thrust levels required in conventional rotary- 
wing flight. While configurations which utilize rotary-wing components in 
both the VTOL and forward-flight modes exhibit lower total propulsion 
system weight fractions, they do exhibit direct operating costs similar to 
those of the helicopter. 

Consideration of the high forward speed performance objectives of the com- 
posite aircraft, with respect to concept selection, is largely a matter of 
propulsive systems. Those composite aircraft concepts which utilize com- 
mon VTOL lifting and forward-flight propulsive means (for acceptable disc 
loadings) have fundamental forward-speed limitations, while those concepts 
which separate these functions are limited only by the forward propulsion 
means selected. 



Finally, VTOL performance and low noise level requirements for the composite 
aircraft can be considered as directly dependent on rotor disc loading; low 
disc loadings produce efficient hover performance and low noise levels (,for 
shaft-driven rotors). The stowed-rotor concept has no low disc-loading 
constraint. 

Thus, the stopped-stowed rigid-rotor concept utilized in the design of the 
CBA  it a concept which has no basic aerodynamic constraints. This pro- 
vides the capability to optimize configuration development for missions 
which involve, to varying degrees, requirements for high transport produc- 
tivity, high-speed capability, and high VTOL performance. 



SECTION 2 

VEHICLE DESCRIPTION 

COMPONENT DESIGN PHILOSOPHY 

The design philosophy employed during the preliminary studies of the com- 
posite aircraft is divided into two approaches:  (l)  to design a light- 
weight vehicle optimized in accordance with the requirements of the 
Contract DA.i+U-177-AMC-372(T), and (2) to design a research vehicle that 
utilizes off-the-shelf equipment, where ]>o:;sible. 

The optimum vehicle design is used to determine the design gross weight 
that may be expected in an operational configuration. The research vehicle 
design uses off-the-shelf equipment to minimize cost and development risk. 

With this approach, both the design gross weight and the empty weight are 
the same for both the optimum vehicle and the research vehicle. Differ- 
ences between the component weights of the optimum design and the off-the- 
shelf equipment are compensated for by adjusting fixed equipment weight in 
the research vehicle. For example, the required fixed equipment weight in 
the optimum design provides for 900 pounds of avionics equipment, whereas 
the research vehicle avionics should not exceed 350 pounds. The total 
weight differences between the optimum components and the off-the-shelf 
components is estimated to be 3&1 pounds. 

The CRA research aircraft is designed to include the following off-the- 
shelf components: 

• C-lt^O nose gear 

• P-3A. fuel system 

• F-1CJ+ brake system 

• XC-llf2 propeller gearbox 

• XC-lte propeller hub 

• Available hydraulic components 

• Available electric components 

• AH-56A T64-GE-16 engines 

The rotor assembly employs a unique stowing requirement and, therefore, 
does not provide for the use of off-the-shelf equipment. All components 
relating to the main rotor, transmission assemblies, drive system, and 
flight control system are optimized for both the research and the optimum 
vehicle. Therefore, de lopment of this dynamic system on the research 
aircraft will be applictole to future operational vehicles. 



Since the design of the composite aircraft incorporates criteria of both 
the helicopter and the fixed-wing airplane, criteria compromises are pos- 
sible. For example, the rotor is not designed for conventional helicopter 
forward-speed flight conditions, since unloading of the rotor occurs, 
starting at speeds below 100 knots. Also, the propeller, wing, and landing 
gear are not designed for airplane type takeoff and landing conditions, 
thereby providing means for designing lightweight components. Many other 
criterion compromises are possible which result in a vehicle weight that is 
less than the weight of combining the conventional helicopter components 
with the conventional airplane components in accordance with normal design 
practices. 

GENERAI DESCRIPTION 

The general arrangement of the CRA vehicle is presented in Figure 1; the 
inboard profile is presented in Figure 2. This vehicle has a gross weight 
of 2*4-,500 pounds and a maximum speed of 358 knots at sea level, hovers at 
68OO feet on a 95°F day, and includes features making it suitable for a 
variety of tasks. 

Primary power is derived from two T6^--GE-16 engines, one mounted in a 
nacelle under each wing. The engine power is transmitted through a gear- 
box to 10-foot-diameter U-bladed propellers for forward thrust. Engine 
power is also transmitted through gearboxes and shafting to the main 
transmission to power the main rotor and the antitorque tail rotor. 

A major feature of the vehicle is the 60-foot-diameter, 3-bladed main 
rotor. This rotor is capable of being stopped, folded, and stowed in the 
top of the fuselage, thus allowing high-speed airplane mode operations. 
The stopping and folding operation is initiated at approximately 1^0 knots 
by declutching, and braking the rotor to a stopped position with one blade 
trailing aft. The other two blades are then mechanically folded to a con- 
tiguous aft trailing position. The entire rotor hub and mast assembly is 
then lowered into the fuselage compartment. Doors, one at each side of the 
transmission, and articulated by the transmission stowage mechanism, cover 
the hub and forward part of the rotor blades in the stowed attitude. 

The empennage and tail rotor are conventional components, if individually 
considered. The tail rotor is similar to the AH-56A tail rotor and is 
conventionally powered by shafting and <r^arboxes. It provides the anti- 
torque control for helicopter operations. The same control system used for 
control of the tail rotor is connected to the rudder, which is attached to 
the vertical fin in a normal airplane manner. The horizontal stabilizer 
and elevator are conventional and similar to other airplane installations. 

The wing is sized to achieve a lift-to-drag (L/D) ratio of 10, as required 
by the contract. As such, it has a 50-foot span with a 279-squmre-foöt 
area. The wing is positioned for optimum center of gravity location in 
all rotor phases (rotating, stopped, folded, and stowed) and for reasonable 
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loading regimes in the cabin. An integral fuel tank is included in the 
wing main structural box outside the fuselage. Slotted flapa and conven- 
tional ailerons are installed on the trailing edge of the wing. The flaps 
can be deflected to minimize the rotor downwash effects during VTOL 
operations. 

The fuselage is a typical high-wing unpressurized structure as shown in 
Figure 2. The forebody contains the flight station with accommodation for 
a pilot and a copilot. Crew visibility is good with the maximum amount of 
transparent area provided. The forebody includes the nosewheel well and 
space for the AFU and electronic equipment. Immediately aft of the flight 
station is a cargo compartment with approximately 500 cubic feet of capacity 
and with flooring capable of 175 pounds per square foot loading. Both the 
floor and the supporting structure are designed to accept the later incor- 
poration of tiedown fittings if desired. There is available volume in the 
cargo compartment of 670 cubic feet. 

The main rotor transmission, the wing e-irry»through structure, the power- 
shafting, the hydraulic service center, and the rotor-stowing mechanism 
and compartment are contained in the fuselage midbody over the cargo 
compartment. 

The portion of the aftbody including the vertical and horizontal stabilizers 
is designed as an integrally fabricated structure and supports the tail 
rotor drive mechanism. 

A tricycle landing gear is provided with a forward-retracting, swivelling 
nose wheel and two main wheels which retract inwardly into the belly of the 
fuselage. Main wheel brakes are utilized for ground steering during taxi- 
ing and conventional airplane takeoffs and landings. 

VEHICLE CHARACTERISTICS 

A summary of the aircraft characteristics for the CRA is presented in Table I. 

TABLE I. GENERAL CHARACTERISTICS 

MAIN ROTOR 

Type Rigid 

Number of Blades 3 

Rotor Diameter 60 ft 

Disc Area 2830 sq ft 
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TABLE I - Continued 

Blade Chord 

Blade Airfoil Section 

Root (R.S. 72) 

Tip 

Blade Twist 

Blade Sweep (from R.S. 25) 

Coning Angle 

Solidity 

32 in. 

NASA 63A021 

NASA 63A010 

0 deg 

1,5 deg forward 

3.8 deg 

O.085 

Angle of Incidence of Rotor Plane 
to Fuselage Reference Line -3 deg 

Feathering Axis 30$ chord 

Feathering Bearings (Blade Station) 

Inboard 13.3 in. 

Outboard 25.3 in. 

Fold Joint (Blade Station) 11.25 in. 

Rotor Polar Moment of Inertia 13,000 slug-ft2 

Collective Pitch Range 0 to 15 deg 

Cycle Pitch Range ±8 deg 

TAIL ROTOR 

Type Teeter 

Number of Elades k 

|      Rotor Diameter 13.5 ft 

Disc Area ll+3 sq ft 

Blade Chord 16 in. 
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TABLE I - Continued 

Blade Airfoil Section 

Root at 17$ R NASA 63A022.3 

Tip NASA 63A012 

"Blade Twist 0 deg 

Blade Sweep 0 deg 

Coning Angle 0 deg 

Solidity 0.251 

Feathering Axis 37$ chord 

Rotor Polar Moment of Inertia 83.6 slug-ft2 

Collective Pitch Range -10 to +26 deg 

Teeter Angle Range ±6 deg 

Location of Hub Centerline 

Fuselage Sta. 680 

Butt Line ?6  L 

Water Line 202 

WING 

Area 279 sq ft 

Span 50 ft 

Chord 

Root 107 in. 

Tip 27 in. 

MAC TJ  in. 

L.E. of MAC Fu3. Sta. 248.2 

Taper Ratio 0.25 
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1                      TABLE I - Continued 

Sweep of l/k Chord -0* 30 min       1 

Dihedral 0 deg 

Twist -3 1/2 deg 

Angle of Incidence at Root +1/2 deg 

Angle of Incidence at Tip -3 deg 

Airfoil Section 

Root NASA 6UA518 

Tip NASA &+A712 

HORIZONTAL TAIL 

Area 58 sq ft 

Span 180 in. 

Chord 

Root 55 in. 

Tip 37 in. 

MAC 1+6.59 in. 

L.E. of MAC Fus. Sta. 662 

1      Taper Ratio 0.67            1 

Airfoil Section 

Root NASA 6UA018 

Tip NASA Ö+A012 

Dihedral 0 deg 

Incidence 0 deg 

Distance from 1+07 in. 

MACjA to WiCj/k 

Ik' 



TABLE I - Continued                    1 

Elevator 32.3* chord 

Area 16 sq. ft 

Mean Chord, C 
e 

14.21 in. 

Hinge Line Location 75$ chord 

Deflection Range 

Up 20 deg 

Dowi 30 deg 

VERTICAL TAIL 

Area (Total to Top of Pus.) 64 sq ft 

Span 10 ft 9 in. 

Chord 

Root 107 in. 

Tip 36 in. 

MAC 77-4 in. 

L.E. of MAC Fus. Sta. 642.1 

Taper Ratio 0.34 

Airfoil Section 

Root NASA 64A018 

Tip NASA 64A012 

Offset 0 deg 

Distance from 394.6 <n. 

MACy/4 to MACyA 
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TABLE I ■ Continued 

Rudder 29.656 chord 

Area 17 »«1 ft 

Mean Chord, C 23.59 in. 

1           Hinge Line Location 75% chord 

Deflection Range 

Left 15 deg 

Bight 15 deg 

AILERORS 32.3% chord      | 

Area (P«r Side) 6.25 ft* ft 

Mean Chord, c 10.3 in. 

Span 7 ft 6 in. 

Spanvise Location 

Inboard W.S. B.L. 210 

Outboard W.3. B.L. 300 

Hinge Line Location 75$ chord       | 

Deflection Range 

Up 11 dee 

Down 11 deg 

!   FLAPS 

1       Type Slotted 

1      Area 21.2 aq. ft 

Chord 19.06 in. 
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TABLE I - Continued 

Spanwise Location 

Inboard W.3. B.L. '6.75 

Outboard W.S. E.L. 210     j 

Deflection kcj  deg          j 

Span 166 in. 

FUSELAGE 

Length 689 in. 

Nose Fus. Sta. 23 

Maximum Width 82.5 in. 

LANDING GEAR 

Main Nose 

Axle Location, Static 

1           F's« 275 115.5 

E.L. 60 5.3 

W.L. 32 2^.8          j 

Tire Si*e 28 x 9 Type VII 18 x k,k Type VII 

I       Moment of Inertia of 
Rotating Assem. U1+.6 psf !*.2 psf 

Strut Jtroke 10 in. 12 in. 

Strut Extension under 
Static Load 2 in. 2 in. 

1       Spring Rate of Tire 8200 lb/in. 5600 lb/in. 

Direction of Retraction Inboard Forvard 

Angle of F.R.L. to Ground, 
Static 

0 deg 

IT 



IABLE I - Continued 

POWER PLANT 
* 

Engine Designation T6U-GE-16 

Number of Engines 2              | 

Maximum Horsepower 3^35           | 

Location, W.S. 108 

PROPELLERS 

Number 2              i 
Diameter 10 ft            |j 

Disc Area 73.5 ft2 

Location of Hub 

F.S. 195.5           ( 

W.S. 108 

W.L.. 100 

Activity Factor 120 

Clearance, Blade Tip to Fuselage 7 in.            | 

Polar Moment of Inertia 660 lb-ft2 

20.5 slug-ft^ 

Number of Blades k 

MABttfflAKWH PROggAg 

The systems and components of this aircraft have been designed with a high 
degree of maintainability as one of the prime objectives. Use of parts 
and conponents with a service history of reliable operation, plus qualified 
equipment currently being used on other aircraft such as the P-3B or F-1C4, 
insures, high initial reliability; this simplifies the overall maintenance 
of the vehicle. Since this is a research aircraft, the accent has been 
placed on developing the stowed rotor concept. During the follow-on phase, 
every effort will be made to further develop the areas needed to improve 
maintainability, with special emphasis on the newly developed systems and 
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Figure 2. Inboard Profile 
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dynamic components; lor example, improvements in the inspectability and ease 
of installation of the main rotor blades. Methods will be developed through 
redesign, as needed, to provide for simple cross-shaft clutch installation 
and removal procedures. Studies and trade-offs will be carried out to deter- 
mine if the tail drive shaft installation can be further simplified. Gear- 
box designs will be further improved to eliminate the use of dry lubed 
splines and gear journals as bearing iffiiei races. 

Access and Inspection 

Accessibility has been stressed throughout the aircraft design. The 
service center concept has been utilized, grouping like components or those 
with similar maintenance requirements, to minimize lost time by reducing 
the number of access doors to be opened during maintenance and by elimina- 
ting the need to move from place to place while troubleshooting. Hinged 
leading edges» hinged spanwise panels in the lower wing trailing edge sur- 
face, and tank cover panels provide generous access to controls, fuel 
system, und drive «halting in the wings. Hinged side cowls and quickly 
removable p»nels provide full access to the engines and pylon structure. 
Main rotor head *>uü  blade stowage compartment doors provide access to main 
and tail rotor drive system components. All components are arranged so 
that they can be serviced and maintained while installed and so that they 
are «icces^ible for replacement. 

Servicing 

The fuel tanks may be serviced through gravity fillers on the wing upper 
surface. Engine oil level can be checked by an exposed sight gage on each 
tank located in the engine support pylons. Filler access is through quick 
fastening doors on the pylons. Hydraulic oil level can be checked by observ- 
ing level indicators on the hydraulic power package units. Main gearbox, 
intermediate gearbox, and tail rotor gearbox oil levels are checked by 
observing their respective sight gages. Engine, hydraulic, and gearbox oil 
can be replenished directly from 1-quart cans. 

Fuel System 

Removable covers on the underside of each wing provide access tc the 
interior for maintenance. A dual-element boost/scavenge pump in each rurge 
box supplies fuel to its respective engine,, crossfeed system, and surge: 
box. Access cover plates are located in the wing upper surface direct".y 
over the pumps. The pumps can be replaced without draining the tanks. The 
emergency shutoff, tank shutoff, and cross-feed shutoff valves are access- 
ible by opening the hinged wing leading edges; valve bodies are replaced 
without defueliug. Tank drain valves in the low point of each tank allow 
drainage of water or residual fuel. Valve design permits primary sea^s to 
be replaced without defueling. Boost/scavenge pumps and cross-feed and 
tank shut-off valves are interchangeable within the system. 
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Wing 

Access panels are provided at all inspection, maintenance, replacement, and 
attachment points. The wing leading edge from the fuselage to the nacelle 
pylon is hinged downward, exposing the cross-shaft, cross-shaft gearbox, 
fuel system shutoff and cross-feed valves, and front beam. The rear beam 
and flap and aileron controls are completely exposed by opening hinged 
access doors located in the lower skin surface aft of the rear beam. 

Power Plant 

The power plant installation consists of two nacelle-mounted T6h  turboprop 
engines driving propellers. Each propeller reduction gearbox provides a 
power takeoff for driving the main rotor gearbox through use of cress- 
shafting routed through the pylon and wing leading edges. Use of standard 
hardware and proven components has been maximized. The power plants are 
configured for interchangeability to either position. To reduce engine 
replacement time, all fluid lines are equipped with self-sealing quick dis- 
connects. All cable-actuated controls terminate at quadrants at the 
O.E.C. disconnect points, permitting push-pull rod actuation of the engine 
components. This avoids the disconnection of control cables with a 
resultant disruption of system rigging at the time of engine change. Rig- 
ging pinholea are provided to permit the control system to be locked in a 
neutral position, thereby permitting quick system checkout and adjustment. 

Main Rotor and Transmissions 

Stainless steel construction and leading-edge abrasion strips provide for 
minimum main rotor blade maintenance. 

The rigid main rotor, by virtue of its design and construction, insures a 
»irijaum of assembly/disassembly problems and associated maintenance and 
inspection tasks. Elade radial thrust loads are carried by lamiflex bear- 
ings having no maintenance or lubrication requirements. Accessible and 
adequate grease points are provided for blade feathering bearings. 

The blade fold and locking mechanism is comparatively simple, utilising a 
mVnSm»?» of units. One hydraulic rotary actuator and drum using a multiple 
cable assembly simultaneously rotates the blades to a trailing position. 
Teflon bearing surfaces are provided on the hub to minimize frirtion during 
blade folding operations. 

The main transmission lubrication system provides filters furnished with 
throw-away elements and pop-out-type filter bypass indicators, low-pressure 
screens are installed in the inlets to the pressure pumps to prevent damage 
or failure resulting from tank contaminant ingestion. Each discharge jet is 
provided with a screen capable of filtering out contaminants of a size suf- 
ficient to clog the orifice. A filter in the scavenge line from the dual 
clutch assembly prevents clutch disc throw-off from contaminating the rest 
of the systems. The oil tank filler and sight gage locations provide for 
ease of servicing. 

22 



Shafting and Aft Gearboxes 

Steel tail-rotor drive-shafting, joined by dry hyperbolic steel couplings 
which have no maintenance or lubrication requirements, connects the gear- 
boxes. Shaft-support bearings and ball splines have been provided with 
grease fittings for ease of lubrication. Intermediate and tail gearboxes 
have been provided with an accessible filter and chip detector. Mp ceals 
run on wear rings protecting the gear shafts. Eoth lip seals an^ gear 
shaft plug seals are replaceable without box removal or disassembly. The 
lube pumps are standard "off-the-shelf" items, replaceable as a package 
when necessary. 

Tail Rotor » 

Grease fittings have been provided for lubrication of hub trunnion and blade 
cuff hearings. Pitch change links have Tel'Ion-lined rod-end bearings 
requiring no lubrication or maintenance. The  titanium skin on the tail 
rotor blades ia protected from abrasion by nickel cladding the outer half 
Cspan-wise) of the leading edge. The replaceable tip caps are protected 
from abrasion in the same manner. 

Fuselage 

The simple skin, stringer, and frame construction is maintained and repaired 
by standard skills and methods. Numerous access doors and openings are 
provided to service, inspect, and maintain the structure and installed 
components. 

Quick-fastening exterior doors provide access to controls and electronic 
equipment located beneath the cockpit floor. 

Main rotor hub and blade stowage compartment doors provide access to the 
main and tail rotor drives and control system. 

Access to the tail cone is provided for inspection of controls, drive shaft- 
ing, structure, and empennage. A walkway has been provided in the aft 
fuselage section to prevent structural damage by maintenance personnel. 

Console and Instrument Panel 

Instruments are face-mounted, allowing removal without the need to work 
behind the panel. MS-type quick disconnects are used for electrical con- 
nections. The instrument panel is hinged at the bottom and can be tilted 
arc, providing unrestricted access to the area behind the panel. Radio 
control panels located in the console are quicklv removed through the use 
of cam locks and quick-disconnect type electrical connections. Removable 
panels provide access to the propeller quadrant, power quadrant, and 
cables. 
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Electrical System 

The electrical system uses standard components arranged for maximum 
accessibility. The primary source of power is supplied by one 20=kva ac 
bruahleas generator mounted on the No. 2 engine propeller gearbox, Quick 
attach/detach mounting provides for rapid change using only standard hand 
tools. A further maintenance man-hour saving is realised by the elimina- 
tion of periodic brush inspection and replacement requirements. 

One 200-ampere transformer rectifier provides 28 vdc. The use of solid- 
state circuitry in these units provides a r.aximum of reliability. 

Emergency ac and dc power is provided by a three-phase, 115 vac, 250-volt- 
aaflpere inverter and a 22 amp-hour nickel-cadmium battery. Battery and 
inverter axe accessible through a hinged door on the nose of the fuselage. 

Hydraulic Power 

Uj^iraulic power is supplied to the helicopter flieht control and aircraft 
utility systems by two completely self-contained power packages. This con- 
cept groups all system and maintenance items into one unit, (i.e., reser- 
voir, sight gage, filters, clogged filter indicator: , system bleeder, etc.). 
The throw-away filters are readily accessible and are sized to prevent their 
inadvertent interchange. A quick attach/detach clamp provides for easy 
removal and installation of the conplete package. Propeller pitch control 
pover is supplied by both hydraulic systems. The hydraulic engine starters 
receive power from a ground unit through self-sealing quick disconnects and 
the utility system. 

Control System 

The control system is an integrated helicopter/fixed-wing arrangement *' .t 
is both mechanically and hydraulically actuated. The cable-actuated por- 
tion employs a maximum of straight runs to minimize the maintsnence and 
inspection potential. Readily accessible clip-lccked turnbuckles are used 
on all cables, reducing time required for safetying. That portion of the 
Byrtem, used in both helicopter and fixed-w^ng modes, employs push-pull 
tubes and cranks, providing a minimum of inspection and maintenance. To 
prevent the inadvertent crossing of controls, adjacent identical connectors 
have been reversed. Accessible rigging pinholes have been provided fc. 
lockin,, the. control system in a neutral position, thus permitting quick 
system checkout, adjustment, and/or component replacement. 

Landing Gear 

The landing gear is a tricycle tjpe designed to meet the requirements of 
prepared field and minimum maintenance. 

The main landing gear is a single-vheel-per-side configuration, swinging 
inboard on retraction to lie flat under the floor structure, in the bottom 

2k 



of the fuselage. The complete main gear installation is interchangeable 
and may be installed on either side. A standard air-oil shock strut with 
a readily accessible servicing point is used. For wheel or brake change, 
a Jack pad is provided on the base of the shock strut in addition to the 
towing/tiedown provisions. 

A dual-wheel nose gear fitted with a standard air oil strut :*rtracts for- 
ward into the nose. When the nose gear is extended, the opsn nose gear 
doors provide unobstructed access for servicing. A jack pad is provided 
between the wheels; but if only a single wheel change is necessary, the 
needed elevation is obtained by rolling the opposite wheel up on an 
inclined block. A quick-disconnect feature on the scissors, with stowing 
provisions, provides a 3600 turning radius for towing. 
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PART 2 

PERFORMANCE 

SECTION 3 

AERODYNAMIC DESCRIPTION 

This section contains a discussion of the trade-off studies that were used 
to establish the various parameters which affect performance. Section U 
contains an analysis of the performance of the CRA throughout the flight 
spectrum. The flying qualities of the CRA are presented in Part 5 of this 
report, entitled "Stability, Control, and Flying Qualities." 

The configuration which has been selected for the Composite Research Air- 
craft satisfies all of the requirements in the Statement of Work. The moat 
important of these requirements are: 

• The capability to hover out of ground effect at 6000 feet on & 
95*F day. 

• Maximum speed of at least 300 knots, with UOO knots desired 

• Maximum lift-to-drag (L/D) ratio based on total engine power of at 
least 10 

• Disc loading of 10 psf or less 

A summary of the weights for each important design condition is presented 
in Table II. 

TABLE II. WEIGHT SUMMARY 

Condition height (lb) 

1     Empty Weight 17,961 

1     Structural Design Gross Weight 2U,50C 

Overload Gross Weight 28,800        | 

Ferry Takeoff ■30,000 

Hover IGE SL STD 31,200 

Hover OGE SL STD 28,900       1 

Hover OGE 6000 ft, 95V 2^,900 
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The various dimensions, areas, and other parameters necessary to describe 
the aerodynamic characteristics of tiie CRA are shown in Table I, General 
Characteristics. 

OPTIMIZATION OF Tig CONFIGURATION 

Selection of the Transition L3peed 

An important decision which affects many components in the selection of the 
speed at which to make the transition. A low transition speed is desirable 
to minimise the structural weight of the blades, which must have an aero- 
elastic divergence speed above the selected transition speed. A high 
transition speed is desirable to minimize the area and the weight of the 
wing, which must be large enough to support the entire weight of the air- 
craft at the transition speed with a margin of lift capability to allow for 
maneuvering and gust effects. 

A trade-off study was conducted in which the additional structural weight 
required to stabilize the stopped blade was determined as a function of the 
speed for aeroelastic divergence, and the wing area and weight were deter- 
mined as a function of transition speed. The results of this study showed 
that the sum of rotor and wing weights was a minimum when the transition 
speed was selected in the 120-to l^O-knot range. The rotor blades were 
designed to be stiff enough to have a divergence speed of 168 knots and the 
wing to have a stall speed, flaps down, of 102 knots, thus providing adequate 
margin at both ends of the transition range. 

Main Rotor 

The design requirements of the main rotor are: 

w      To provide the capability to hover at the design cross weight at 
6000 ft, 95°F; 

• To have aeroelastic stability when stopped during the transition 

• To be capable of being folded and stored. 

The selection of the various parameters is discussed in the following 
paragraphs. 

Disc Loading 

A low disc loading is desirable when considering requirements for good 
hovering capability, safe power-off landings, and minimum down-wash 
velocities. A high disc loading is desirable when considering 
requirements for small overall size and light empty weight. For the 
CRA, the upper limit on disc loading is specified as 10 psf by the 
Statement of Work. In selecting the disc loading for the CRAS as low 
a disc loading as possible was chosen in oraer to minimize the opera- 
tional problems without unduly penalizing the empty weight. These 
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considerations ltd to the selection of the disc loading of 8.7 psf 
with e corresponding rotor radius of 30 feet. 

Rotor Tip Speed 

The effect of tip speed on the rotor solidity required to hover 2U,500 
pounds at 6000 feet, 95°P with two T&* is shown in Figure 3. From 
this figure, it may be seen that the lowest solidity, and thus the 
lowest rotor weight, occurs at a tip speed of about 750 fps. At the 
transition speed of 1^0 knots, this tip speed results in an advancing 
tip Mach number of 0.68, which is considered to be acceptable for an 
unloaded rotor with a tip thickness of 10% of the chord, For these 
reasons, the tip speed of 75** fpa» corresponding to 2k0 rpm, was 
selected for the CRA. 

Airfoil Sections 

Thick airfoils, especially at the root of the main rotor blades, are 
deairable to obtain sufficient stiffness to prevent aeroelastic 
divergence for a minimum blade weight. Moderately thin airfoils, 
especially near the blade tip, are desirable for optimum hovering per- 
formance and high critical Mach number. These two features have been 
combined on the CRA blades by tapering the thickness ratio from 21 per- 
cent at the 20 percent radius station to 10 percent at the tip. The 
HASA 63 Airfoil Series has been selected for this rotor because of its 
high drag divergence Mach number and its high maximum lift coefficient, 

Huafaer of Blades 

A large number of blades IF. desirable for high hover efficiency. A 
small nnmber of blades is desirable for individual blade stiffness 
and ease of folding and stowing. Two-bladed rigid rotors for stopped 
rotors were studied, but associated dynamic problems are so difficult 
that further consideration is unwarranted. Design studies of stowed 
rotor aircraft comparing four~bladed rotors with three-bladed rotors 
have thown that with four blades, the weight penalty required for 
sufficient stiffness to prevent aeroelastic divergence and the mech- 
anical problems of folding and stowing four blades far outweight the 
increase in hovering efficiency. For these reasons, a three-bladed 
rotor has been selected for the CRA. 

Twist 

High twist is desirable for maximum hovering efficiency. Low twist is 
desirable for ease of stowage and blade fabrication and for minimum 
aerodynamic loads during the rotor stopping process. A nontwisted 
blade has been selected for the CRA in order to minimize the potential 
problems during stopping and folding. 

Solidity 

Low solidity is desirable from a rotor stowing standpoint; high soli- 
dity is desirable Cor obtaining minimum blade weight with sufficient 
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stiffness to prevent aeroelastic divergence; and a particular value 
of solidity which permits the rotor to operate at its highesI  figure 
of merit is desirable for optimum hovering efficiency. 

Figure 3 shows that the -elected tip speed of 751* fps corresponds to 
a solidity of about 0.0Ö5. This solidity, which corresponds to the 
lowest blade weight, was chosen for the CRA. The chord which corres- 
ponds to this solidity is 32 inches. These blades can be stowed 
without undue design problems. 

Wing 

The design requirements of the wing are: 

• To carry the full weight of the aircraft at transition speed 

• To achieve an L/D of 10 based on total power 

• To have a sufficiently high drag divergence Mach number so that 
speed« of approximately UOO knots can be achieved without sub- 
stantial compressibility penalties. 

The selection cf values for the various parameters is discussed in the 
following paragraphs. 

Flap Configuration 

A flap which gives the highest possible increment in maximum lift 
coefficient is desirable to minimise wing size, wing weight, wing 
download in hover, and wing drag at high speed. Lockheed has made 
design studies of wings with no flaps, plain flaps, slotted flaps, 
and Fcwler flaps and has determined that slotted flaps offer the best 
overall compromise between minimum wing weight and minimum complexity 
for the research mission of the aircraft. The flap configuration 
selected is shown in the general arrangement drawing (Figure l) as a 
partial-span single-slotted flap, extending from the fuselage sides to 
the ailerons* This type of flap Is capable of developing a maximum 
lift coefficient of 2.5 at the Reynolds number corresponding to the 
transition speed. 

Wing Span 

A large wing span is desirable to produce high performance in the air- 
plane flight mode. A small wing span is desirable to minimize wing 
structural weight and wing download in hover. The decision on which 
wing span to use was made after a study of the effect of span on the 
llft-to-drag ratio. The Statement of Work specifies that the lift- 
to-drag ratio, based on total power, be at least 10 in the airplane 
mode. An expression for the wing span, b, can be derived from simple 
airplane performance equations as a function of the required maximum 
lift-to-drag ratio and the drag characteristics of the aircraft: 

30 



58 

ex 

CJ. 

52 

50 

&   <6 / 

/ wuM \AX ' 10 
VI 

o 
2  42 

40 

38 

36 

^p  « 0.83 

«  - 0.85 

Al 

32 

301 
6        7        8        9       10       II       12      13        14 

EQUIVALENT PARASITE DRAG AREA - FT2 

Figure k.    Required Wing Span as a Function 
of Equivalent Flat Plate Area. 

31 



■-^u 

This equation has been solved for the span, b, at: a function of the 
parasite drag area, £0<t   :'or an L/D max of 10, a '..ing equivalent flat 
plate area, Cj 3W of 1 sq ft, an efficiency, e; of 0.859 and a pro- 
pulsive efficiency, rjp of 0.85.  The results arc shown in Figure K 
and were used as a ^uice in the selection oi'  the span.  The wind 
tunnel tests reported ir. Reference 1 were perforr.ed wiö'.i a model with 
a short wing cf UO-foot span which produced a r.ai.ir.um airplane lift- 
to-drag ratio of about '">.Y, or a value of about 6.1 when an estimated 
propulsive efficiency of 83 percent was accountec for.  Several design 
changes were male after the tunnel tests were completed.  One change 
which increased tbe drag was the substitution of partial doors over 
the stowed rotor hub ana blades for the full doors simulated on the 
model.  To obtain a total lift-to-drag ratio of 10 with partial 
doors, two design, changes were made:  the wing ws camberei so that 
the minimum profile drag occurred at a lift coefficient of about 0.7, 
which is close tc the lift coefficient for maximum lift to drag ratio; 
and the wing span was increased from to to 50 fe«=t. A complete dis- 
cussion of the procedure used to establish camber and span and to 
estimate the total arag is presented in the section on drag estimation. 

Wing Area 

The wing area was selected to provide a flaps-down stall speed suffi- 
ciently below the minimum transition speed of 120 knots to allow a 
safe margin. A margin of 15 percent on speed was selected as ade- 
quate, giving a stall speed of 102 Knots at a lift coefficient of 2.5 
and a corresponding wing area of 279 square feet for the CRA. 

Wing Airfoil Sections 

Thin airfoils are desirable to prevent compressibility losses at high 
speed. Thick airfoils are desirable to minimize wing structural 
weight and to produce high maximum lift coefficients.  At the ma:;imum 
estimated speed of about 360 knots at sea level, the Mach nvaber is 
0.55. Wind tunnel tests of the C-130 model with NASA 63 series air- 
foils varying from an 18 percent thickness ratio at the root to a 12 
percent thickness ratio at the tip have shown that, up to a Mach num- 
ber of 0.55j no significant drag divergence could be measured, The 
thickness distribution of the C-130 was considered to be directly 
applicable to the CRA from a structural standpoint; thus, a thickness 
ratio distribution tapering from l8 percent at the roct to L2 percent 
at the tip and the NASA 63 series has been selected for the CRA. 
Highly cambered sections were selected so that minimum profile drag 
would occur at the high lift coefficients corresponding to the maxi- 
mum lift-to-drag ratio. The airfoil sections selected for the CRA 
wing are the NASA 63A518 at the root and the NASA 63A712 at the tip. 
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Wing Twist 

The wings are twisted to produce good staling characteristics by 
delaying stall \iZ  the tip until the root portion has stalled,  rfind 
tunnel tests on the C-130 wing indicated that a twist of -3 degrees 
was sufficient.  dince the CRA uses similar airfoils, hut with higher 
camber, sHghtly more twist ip felt to be necessary and .-50 a twist of 
-3-5 degrees is used. 

Propellers 

In the selection of the optimum propeller for the CRA, three critical flight 
conditions were considered: 

• Maximum speed, where the highest possible thrust at military 
horsepower wai desired, 

• opeed for maximum lift-to-drag ratio, where the smallest possible 
value of power for the required thrust was desired. 

• hover, wnere the smallest possible value of power dissipated was 
desired. 

The first two requirements are similar in that they both correspond to the 
highest possible propeller efficiency but at two different airspeeds. 

Jiameter 

A large propellei diameter is desirable for obtaining the highest 
possible propeller efficiency.  A small propeller diameter is desirable 
for maintaining propeller tip clearance between the rotor and the 
ground and for minimum weight in the propeller and the propeller gear- 
box. The effect of propeller diameter on the maximum theoretical 
efficiency at speeds of 200 and ^00 knots is shown in Figure 5. It 
may be shown that increasing the diameter above 10 feet results in 
only small increases in efficiency. Figure 5 also shows the effect 
of propeller diameter on the sum of propeller and propeller gearbox 
weight.  On the basis of these curves, and on consideration of clear- 
ance problems, a propeller diameter of 10 feet was selected as the 
maximum practical fo" the CRA. 

Tip Speed 

A high propeller tip speed is desirable to minimize the weignt of the 
propeller and ttv* propeller gearbox. A low tip speed is desirable to 
minimize noise, compressibility losses at high speeds, and power 
losses at hover. Figure 6 shows the effect of tip speed on the maxi- 
mum allowable forward speed. For a maximum speed goal of ^00 knots, 
a tip speed of about 800 fps is the maximum allowable. The tip speed 
has beer, selected to minimize the propeller and gearbox weight, which 
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is also shown on Figure 6.  The power dissipate., by each propeller in 
hover is shown on the bottom of Figure 6. It may be seen that low 
tip speeds require less power, but the weight advantage with high tip 
speed wan considered F;G the prime consideration in selecting the 
desijn cip j;peed of 30Q fps. 

.■lumber of Blades 

A high number of blades is desirable to maximize the propeller effi- 
ciency in forward flight and ,o minimize noise.  A low number of 
blades is ucsirable to minimize weight, cost, ana complexity. For 
the C;\A a four-l ±<.de ; propeller was chosen LO take advantage of the 
high efficiency comparer with that of three-bladed propellers. 

Activity factor 

A low total activity factor is desirable to minimize propeller weight 
and power dissipated isi  hover. A moderately high total activity fac- 
tor is desirable o obtain high efficiency at forward flight. Figure 
7 shows the effect of propeller activity factor on efficiency at the 
speed for maximum lif t- co-drag ratio, loO 'mots, and at the maximum 
speed, f/}0 knots. Also shown in Figure 7 is the effect of activity 
factor on the power dissipated in hover. An activity factor of 120 
per blade has been chosen tor the CRA as the best compromise for the 
three flight conditions shown. 

Tail Roto- 

The tail rotor must provide both sufficient antitorque moment and adequate 
directional control while the CPA is flying in the helicopter mode. The 
design objectives for the tail rotor involve satisfying these requirements 
with minimum power and minimum weight. 

Diameter 

To minimize the power required by the tail rotor, it is desirable to 
use as large a diameter as possible. However, design problems rele- 
vant to obtaining suitable ground and rotor clearance and minimum 
weight place restraints on tail rotor diameter. Figure 8 shows the 
effect of the tail rotor design parameters on power and on weight. 
The design decision was to select a diameter of 13.5 feet as the best 
compromise. 

Tip Speed 

Fron Figure G, it reay be seen that for a diameter of 13.5 feet, a tip 
speirl of abouc 65O fps is optimum for minimizing both power and weight. 
A tip speed of 638 fps was actually selected to maintain a gear ratio 
between the main rotor and the tail rotor which would insure that, 
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when  tue main r< t<.r vss~   fc_.ai.-u.,   tne  V; '• _   i ■ tar  wouio  be  -tcspeJ v?i t:i 
two bidder. \K rizc.stai mic   V.-a   blades ■vernier. L.     This v:caid r:.ini:.i::e 
aeroelar ti'j aiverrense problems. 

bolidity 

The solidity 01' the tail rotor was selected ss> absorb the smallest 
possible amount of power tt 0000 feet, (>^°F v:hile generating the 
thrust required Tor .;ntitorque.  'Jncc the tail rotor liameter and tip 
speed were selecte ;, a ;;tudy oi' power as '■ function of solidity at 
the hover condition showes that a soli iity oi' 0..^h was opsinum, and 
this value was selected for the CdA. 

Horizontal Stabiliser 

The horizontal stabilizer must be adequate to trim and control the aircraft 
while flying in the airplane node. 

Tail Lencth 

The horizontal stabilizer has been place: halfway up the vertical 
stabilizer and has been used to carry the tail rotor. This arrange- 
ment dictates that the tail length for the horizontal stabilizer be 
approximately equal to the total of the main rotor and tail rotor 
radii in order to provide clearance between the two rotors. On the 
CRA, the tail length between the quarter chords of the wing and the 
horizontal stabilizers is 33. ~>  feet. 

Area_ 

The horizontal stabilizer area was selected to provide a static margin 
of approximately D.Ou with the most ait center-of-gravity position in 
the airplane mode.  An area of 58 square feet was verified as giving 
this margin by the win: tunnel tests reported in reference 1. Fur- 
ther discussion of the horizontal stabilizer is presented in Part 5. 

Vertical otabili-er 

The vertical stabiliser must produce -.Tessa*-- bire^.isr.a] Etat Hit;; in the 
xirplune node.  •'■. vertical sty: iliser area rf - ' irr.;«tre fee* :.?s beer. 
selected as adequate, further Iiscacsi •:.  cf ':.'-  •;cr*i."l •-•-iiliser i. 
presented is Part 
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p, T(.; or   Re luirod  i- ;  Re; T. 

The :.^ver and vertical Tlirat analysis was performed with y digital 
eor.pn'-^r program whi?h us^s a :::e":.oi bas-rl i.r ::rip analysis, vuriablo 
induced velocity, und two-dimensional airfoil '•haraeteriPtiec as a function 
of locil blade an.-rle of atuae:. t:.ic:;uoes ra:.':\ and M.i.u. number.  The 
airfoil iata w..ic:. yre u;cl i;. ':.!;■ prc.T:::, arc hysc i J;: wind *ur.nej. and 
whirl '••'.•;or 4us'r repor'. ei La Reference:' T. -. ■•,  . a:;d • *, 

*;or*ical Ira-' in nvver war- j^::;]r.;',L,\l t\. strip analysis usin** ' ao variation 
■■f dynamic pressure '.-.'it a radius and distance below tat* rut or as shown in 
i-'i.-rure d« w:.ica was construet/ni fror, tue data it". ;-!•. foreneo V- Ttic vertical 
Ira.- coefficients used i'ür .ais analysis -j.ro rhu',vi: in Fi.'ure 10.  \nalysir 
:.as shown that the vortical nrar in hover i s ,' percent of the gross weight. 

The n^in rotor performance is shown in nondiiaensioiiai coefficient forr. in 
Figures 11, 12, and l_-„ These figures show the thrust coefficient as a 
function, of collective pit en, the torque coefficient/solidity as a function 
o»' thrust coefficient solidify, and the figure of merit as a function of 
thrust <jocf i'icicnt/solidity, respectively.  The tail rotor performance is 
shown ii\ nondimcnsion::l fovr. in Figures Ik  and 15. These figures shot/ 
thrust coefficient as a function of collective pitch and torque coeffi- 
cient/solidity as a function oi'  thrust coefficient,'solidity. 

The nondimensional results have beer, used to calculate the main rotor and 
tail rotor power In hover as a function of aircraft gross weight.  The 
results of these calculations are shown on Figures 16 and 17, 
respectively. 

Power Tosses in hover 

Besides the main and tail rotor, several other components absorb power and 
these losses must be accounted for in computing performance. Table Til 
justs the components and the equations for their respective losses. 

Total Power Required to hover 

The total engine shaft power required to hover is the total of main rotor 
power, tail rctor power, propeller power, and all of the losses shown in 
Ta: le ILL.     Figure 1 - snow- L.he engine shaft horsepower as a function of 
gross weight for covering in and out ground effect on a sca level standard 
day and on a 6000-foot g"F day. 
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Figure 9«  Dynamic Pressure Distribution in Rotor Downwash , 
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TABLE III. POWER LOSSES 

Item 
Equation for 
Power Loss 

Typical Power T, osses 

Hover 
6000 Ft   V 
95°F 

= 175 
knots 

v = 360 
knots 

Propeller 
Gearboxes and 
Cross-Shafting 

0.018 Propeller 
power) 

2 22 133    1 

Main Rotor and 
Tail Rotor 
Transmissions 

0.028 'Main rotor 
and tail rotor ' 
power) 

137 0 0 

Hydraulic Pumps 15 15 15 15 

Electrical 15 15 15 15 

Lubrication 5 5 5 5 

Transmission 
Cooling (in 
helicopter 
mode only) 

15 15 

Propellers (2) 
(in hover only) 

i-r   p 
117 - - ■"■-^ 0.002378 

TOTAL 306 57 168 

NOTE: Engine and propeller lubrication is from oil 
accessory drive pad and is accounted for in 
calculations. 

pump on engine 
the power-available 1 

Hover Ceiling 

By matching the power required as a function of gross weight, altitude, 
and temperature with the maximum engine power available as a function of 
altitude and temperature, hover ceilings were established. Figure 19 
shows hover ceilings in and out of ground effect as a function of gross 
weight on standard days and on 95°F days. It may be seen that at the 
design gross weight of 2U,500 pounds, the CRA can hover out of ground 
effect on an altitude of 9500 feet on a standard day and at 68OO feet on a 
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95°F day. The effect of varying tip speed on the gross weight which can be 
hovered at sea level within the transmission torque limits is shown in 
Figure 20. This shows that a 10-percent increase In xotor speed results in 
a 7-percent increase in allowable hover weight. 

Vertical Rate of Climb 

The required engine shaft horsepower as a function of vertical rate of 
climb is shown on Figure 21, for the design gross weight of 2^,500 pounds. 
It may be seen that at the maximum torque limit of the transmission, the 
vertical rate of climb is 2000 feet per minute at sea level. 

FORWARD FLIGHT 

Parasite Drag 

The requirements which apply to forward flight performance are: 

•  The lift-to-drag ratio based on total engine power must be at 
least 10. 

e  The maximum speed at sea level must be at least 3OO knots, with 
1*00 knots desired. 

The analysis of the performance in light of these two requirements requires 
an accurate estimation of the minimum parasite drag in the airplane mode. 

The estimation procedure used for minimum parasite drag is based on the use 
of wetted areas and suitable skirj, friction coefficients which have been 
verified by flight test results of comparable aircraft. Because of the 
uncertainty of Reynolds number cerrectione. small-scale wind tunnel results 
are used only to measure the drag of the "bluff body" components on the 
aircraft or to evaluate the drag effect cf changes in the "wetted area" 
components. Table IV shows the wetted area, the estimated skin friction 
coefficient, and the product in equivalent flat plate area for all of the 
components of the CRA. For comparison, the skin friction coefficients 
which have produced satisfactory correlation on the Constellation (C-I2l) 
and the Hercules (C-l^O) are tabulated. The performance analysis of the 
CRA has been based on the total of the estimated column. 

A last-minute wind tunnel test was done to measure the effect on drag of the 
partially exposed blades as contrasted to the drag with full doors and with 
no doors which had been measured during the first wind tunnel tests. 

Since the change was both a bluff body change and a change to wetted area 
components, the measured increment in drag from the full door configura- 
tion is considered to be valid. These tests showed that the drag penalty 
of the partially exposed blades in equivalent flat plate area was 
0.5 square foot at zero lift and 0.25 square foot at the attitude for 
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maximum lift-to-uag ratio. Tnese values compare to the estimated value 
of 1.5 square feet in Table IV which has been used throughout the per- 
formance analysis. Thus, all of the performance estimations in the air- 
plane mode are conservative. 

Figure 22 shows how the estimated drag of the CRA compares to other sub- 
sonic airplanes. It may be seen that its aerodynamic cleanliness puts it 
in the same class as the 0-5^ and the C-130. 

At high speeds, a compressibility correction must be applied to the drag 
coefficient. Figure 23 shows the corrections which have been used for the 
CRA. They were based on the material presented in Reference 8. 

The variation of parasite dru? as a function of lift coefficient has been 
tailored to favor the requirement for a maximum lift to drag ratio based 
on total power of at least 10. The wind tunnel model was constructed with 
wing airfoil sections identical to the C-130; i.e., NASA 63A 318 at the 
root and MSA 63A 412 at the tip. The variation cf the increment of 
parasite drag coefficient, C]^, as measured on tbe vind hinnel model, 13 
shewn as a function of lift coefficient in Figure 2k-. This curve has Jts 
lowest point at a lift coefficient of 0.25. The lift coefficient 
corresponding to maxiirrum lift-to-drag ratio is approximately 0.9* *n«. at 
this point the value of CD is O.058. To obtain the required lift-to-drag 
ratio with the minimum of configuration changes, the final design of the 
wing has higher camber then was tested in the wind tunnel. The airfoils 
which have been selected are the NASA 63A 518 at the root and the 
NASA 63A 712 at the tip. With these airfoils, the Cup variation with lift 
coefficient is shown in Figure 2k.    It may be seen that the bottom of the 
curve has been shifted toward the value of lift coefficient at which the 
maximum lift-to-drag ratio Is obtained. It should be noted that this 
amount of camber slightly penalized the high-speed capabilities of the 
aircraft by adding drag at the low lift coefficients corresponding to high 
speeds. 

Total Drag 

The total drag of the airplane is the sum of the parasite and the induced 
drag, where the induced drag coefficient, Cn^, is given by the equation 

u cL
2 

D
i ~ »■ AR 

This term has been added to ehe parasite drag coefficients in Figure 24, 
and the results are shown in Figure 25 for both flap-up and flap-down 
conditions. These curves have been used for the calculations of airplane 
performance. 
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Propeller Performance 

Tha propeller performance has been computed using a digital computer 
program. Figure 26 shows the relationship between propeller thrust and 
power for speeds between hover and 1*00 knots at sea level. Comparable 
performance for an altitude of 10,000 feet is shown in Figure 27. 

Power Required 

Computation of power required in the helicopter mode has been made using 
a digital computer program for compound helicopter performance and trim. 
This program computes the required main rotor and tail rotor power and the 
propeller thrust for a given set of flight conditions. To obtain the total 
engine power, the propeller power from plots such as Figure 26 and the 
transmission and accessory losses from Table III are added to the main 
rotor and tail rotor powers computed by the program. 

In the airplane mode, the propeller thrust required is equal to the drag. 
The drag coefficients in Figure 25 have been used to calculate the 
propeller thrust required for level flight at several gross weights. The 
propeller power corresponding to the required thrust has been obtained 
from plots such as Figure 26, and the losses from Table III have been 
added to give the total engine shaft power as a function of forward speed 
and gross weight. Figure 28 shows the total engine power for both the 
helicopter and airplane modes with flaps up, and Figure 29 shows the total 
engine power for flaps down. 

At speeds, below the transition speed, the wing and rotor share the lift as 
shown In Figure 30* 

maximum Lift-to-Drag Ratio 

The TT^"1
—"» lift-to-drag" ratio at the design gross weight based on total 

power may be obtained from Figure 28 by reading the power and velocity for 
which the line from the origin is tangent to the power curve for 
2b,500 pounds. The lift to drag ratio is 

L   (24.500) 
D " BgöuOT 

V 

The line of tangent at 175 Knots and 1270 horsepower. For this condition, 
the lift-to-drag ratio Is 10.U. 

Hsxiiman Speed 

The power available as a function of forward speed is superimposed on the 
power-required curves. The intersection of the two types of curves is at 
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the maximum speed. Figure }i shows trie maximum speed as b. function of 
altitude. It may be seen th&t at sea level at the design gross weight of 
2U,500 pounds, the maximum speed is 3^8 k*ots. 

&üflfe ferformance 

The maximum rate of climb has been computed in both the airplane and the 
helicopter modes. The maximum rates are plotted oh Figure 32 as a function 
of gross weight for both modes. It may be seen that at the design gross 
weight of 2U,500 pounds, the CL-9U5 can climb at 1+330 fpm as an airplane. 

Specific Range 

The specific range in terms of nautical miles per pound of fuel as a 
function of forward speed and gross weight, for both one- and two-engine 
operation, is shown in Figure 33 for sea level, in Figure 3*+ for 
10,000 feet, and in Figure 35 for 20,000 feet. 

Specific Endurance 

Specific endurance in ternu* of hours per pound of fuel as a function of 
forward speed and gross wei&ht for both one- and tvo-engine operation is 
shown in Figure 36 for sea level. 

Airport Performance 

Landing Distance - As a helicopter, the CRA is capable of making 
vertical power-on landings at sea level at all gross weights up to 
31,200 pounds, which is the hovering gross weight in ground effect as 
shown in Figure IS1. 

As an airplane, tVe CRA can make normal landings with the blades folded and 
stowed. The landing performance in the airplane mode is computed in 
accordance with thi definitions of Military Specification MTL-C-50UA. 
The approach speeds and touchdown speeds correspond to 1.2 Vs and 1.1 Vs, 
respectively. Tor research application, standard wheel brakes are pro- 
Tided as auxiliary test equipment, and the braking distance is determined 
with the use oV a braking coefficient of O.30 as defined by MTL-C-5011A. 

The CRA is d'^si^ned to land at weights up to 2^,500 pounds, at which the 
total distance rwnr  50 feet is ^800 feet with a touchdown speed of 
112 kncls. A plot of landing distance as a function of gross weight is 
shown in Figure 37. 

Takeoff Distance - The CRA takes off in the airplane mode with p. flap 
setting of 20 degrees with the engines operating at a thrust level corre- 
sponding to one-half that available at the full takeoff rating. The 
lift-off speed and the speed at the 50-foot height are chosen in accordance 
with the definitior* of MIL-C-5OIIA M 1.1 V, and 1,2 V8, respectively. 
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Under these conditions, for standard day operation at -ehe design takeoff 
weight of 2^,500 pounds, the lift-off speed is 126 knots and the distance 
to clear 50 feet is 6700 feet. The takeoff distance as a function of gross 
weight is presented in Figure 38. 

MISSION ANALYSIS 

Payload - jjange 

The specific range curves of Figures 3^ turough 36 have been used to com- 
pute the fuel required as a function of range at the optimum speed and 
altitude. From this calculation, the allowable payload was found as a 
function of range and plotted on Figure 39 for both one- and two-engine 
operation. It may be seen that for a takeoff gross weig?  of 2U,500 pounds 
and two engines, the maximum range with no payload and auxiliary tanks is 
1500 nautical miles; with full internal fuel and a 3000-pound payload, it 
is 600 nautical miles. 

Ferry Range 

The specific range curves of Figures 3U through 36 have been used to find 
the optimum altitude as a function of gross weight for maximum specific 
range. The results of this investigation are shown in Figure kQ.    The 
envelope of the curves on this figure is the optimum altitude as a function 
of gross weight. From the envelope, the range for several gross weights 
was computed and is plotted in Figure kl.    At the ferry takeoff gross 
weight of 30,000 pounds, the CRA can take off with 10,910 pounds of fuel, 
and the ferry range with two engines is 2600 nautical miles with 10 per- 
cent reserves. 

Payload - Endurance 

The specific endurance curves of Figure 36 have been used to calculate 
fuel required as a function of endurance. These calculations were then 
used to plot the payload-endurance curve at sea level in Figure U2. It 
may be seen that the maximum endurance at the design gross weight of 
2U,500 pounds with one engine is 3-3 hours with full internal fuel; it is 
6.8 hours with auxiliary fuel. 
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PART i 

PROPULSION 

SECTION 5 

POWER PLANT INSTALLATION 

The power plant installation includes the engine air induction system, fuel 
system, mounting system, oil system, control system, fire protection system, 
starting system, compartment cooling, exhaust system, and cowling. Each 
system is discussed in subsequent paragraphs. An engine installation draw- 
ing is shown in Figure 43. 

It was determined early in the studies of the Composite Research Aircraft 
that two engines would he used to provide multiengine safety. As a result, 
the aircraft can cruise in airplane mode at normal gross weight, with one 
engine shut down for cruise economy, and can hover in ground effect in 
helicopter mode, with one engine inoperative. 

Consideration of the type of ermine to be used led to the conclusion that 
a turboshaft engine would be most practicable for the research vehicle. 
Turbojet engines have been used in their primary mode for forward flight, 
ai.d the exhaust gases have then been diverted to power tip-driven fans. 
Such a system could drive the main rotor through an external turbine, but 
nc such propulsion system is presently available. Turboshaft engines offer 
a simple, proven, efficient means of diverting power to the various" 
propulsive units. 

A survey of shaft engines prodv?ed five existing or funded candidate 
engines which meet the performance and availability requirements of the 
aircraft. A trade-off analysis study was performed from which the 
T6U-GE-16 engine was determined to be the optimum engine to meet the 
requirements of tne CRA. The prime advantages of the T6U engine are the 
superior aircraft range and endurance which it affords, relative to the 
other four engines, and its planned existence in the Army inventory system 
for the Advanced Aerial Fire Support System (AH-56A) compound vehicle. 

Location of the engines on the wings rather than in the fuselage was 
decided on the basis of a study which showed wing mounting to be superior. 
The results of this study are discussed in detail in a separate trade-off 
analysis study. 

MAD: EKGITTES 

The research aircraft is powered by two T64-GE-16 free-turbine, turboshaft 
engines mounted under the wings. The maximum envelope dimensions of the 
engine are approximately 27 inches by 29 inches, and 58 inches in length 
between the inlet and exhaust flanges. Its dry weight is 696 pounds. It 
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has a sea level (SL) standard day military rating of 3>^35 shaft horsepower 
(shp) at a specific fuel consumption of O.^O pound per shaft horsepower 
per hour, and a 6,000-foot, 95°F maximum 10-minute rating of 2,650 shaft 
horsepower at O.U93 specific fuel consumption. 

Table V shows uninstalled engine data for various operating conditions. 

The output shaft to the gearbox,  including torquemeter, is procured 
separately from the engine, since the l€k-GE-l6 engine does not include 
an output shaft.    Mounting pads are provided on the front and mid-frames 
of the basic power unit. 

AIR DTCUCTIOM SYSTEM 

The location of the cross-shafting and associated gearboxes precludes the 
use of a single top inlet.    The engine airflow is taken aboard through 
twin ram inlets located on each side of the nacelle; the air then flows 
through a pair of short diffusers, and dumps into a plenum located ahead 
of the engine inlet.    A boundary-layer diverter is located on the inside 
edge of the ram Inlet, in order to prevent Ingestion of the spinner- 
boundary layer* 

TABLE V.    T6U UHIKSTALLED ENGINE DATA 

Condition 
Altitude/ 

Temperature 
Shaft 
hp 

Specific Fuel 
Consumption 
lb/shp/hr 

Military Raw Pwr, 
at 385 Knots 

SL/59*F 3760 O.U39 

Mil. Pwr, Static SI/59* F 3^35 o.ißo 

1      Rorm. Pwr, Static SL/59*F 3230 0.U85 

90% Normal, Static SL/59°F 2905 O.U93 
j            1 

1% Mormal, Static SL/59°F 2^20 0.51k 

1      Max. Power, Static 
(10 minutes) 

6000 ft/950F 2650 0.1+93 

Mil, Pwr, Static 6OOO ft/95'F 2U70 0.U99 
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Figure U3. Powerplant Installation with Related Systems. 
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Inlet Design 

The requirement that the aircraft be capable of sustained operation in the 
hover mode as well as in the high-speed cruise mode dictates an inlet 
which has good performance at both points. This is accomplished by pro- 
viding a ram inlet with an elliptical inner lip, designated as an l8E 
configuration in Reference 9, which provides high recovery at the static 
and low-speed conditions. The cruise condition performance is maintained 
at a high level by designing the external contour of the duct lip and 
forward portion of the nacelle so that the engine airflow requirements are 
satisfied without (l) operating in the vicinity of the critical Mach 
number, at which point the flow may become sonic over the outside of the 
nacelle with an attendant drag penalty, or (2) operating in the vicinity 
of the critical (minimum) velocity ratio, below which the spinner flow 
separates and the inlet performance deteriorates. The configuration 
selected for this installation is designated as NACA 1-75-30, according 
to the data of Reference 10. This configuration has a critical Wach 
number of O.685 and a critical velocity ratio of 0.M+, which provides 
adequate margin at the cruise condition of MQ = O.5U5 at a velocity ratio 
of 0.i^7U. 

Propeller Spinner and Guffs 

The propeller spinner used on the CRA is a modified cone whi^h prevents 
high, local surface velocities and attendant boundary-layer separation. 
Considerable test data are available snowing the improvement in pressure 
recovery gained with this spinner in lieu of an NACA-1 series spinner. 
The design of this spinner contributes heavily to the insensitivity of 
the inlet lip loss with yaw angle for low velocity ratios. 

The propeller blades are fitted with cuffs to improve the engine inlet 
and oil cooler total pressure recoveries at low speeds. Tests conducted 
on 0.37 scale-model propeller cuffs and flight teats conducted on full- 
scale cuffs indicate that an inlet total pressure rise of at least 
1 percent can be expected at all speeds up to 350 knots. The exact amount 
of rise to be expected is dependent on the particular cuff, blade, and 
inlet design. 

Inlet Protection 

The two research vehicles will be operated from prepared surfaces and are 
not considered to require inlet protection against the ingestion of 
foreign objects for the basic research mission; hence, the simple induc- 
tion system described previously under Air Induction System is used. 

With the view that future use of the aircraft may entail operation in 
dusty or unprepared areas, the design provides for an alternative induc- 
tion system arrangement, using filters in the auxiliary air flow path. 
In this system, filters and hydraulic ally operated doors in the ram duct 
and filter air flow paths provide for full filtration of all air when 
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hovering in ground effect, and for rani duct flow only in forward flight. 
For the 6,000-foot, 95°F hover out-of-ground-effect (OGE) condition, 
both flow paths would be opened for maximum induction system recovery. 
The weight increment incurred by the use of this system would be 80 pounds 
per aircraft. 

ItJBL SYSTEMS 

Fuel Storage 

ruel, amounting to approximately U96 gallons, is stored in two integral 
tanks, one in each wing box beam, as shown in Figure M+. Should fuel 
leak Into the pylon area, it in  drained overboard. The nacelle structure 
over the hot section is m&de liquid and vapor-tight, to guard against the 
remote possibility of fuel penetration from the wing lower surface. Water 
drain valves are located at the low point of each tank, and drain passages 
are provided as required. 

ftyglne Feed 

During normal operation, each engine is supplied with fuel from its corre- 
sponding «log tank, as shown in Figure Mu Fuel is fed through the tank- 
mounted 'boost pump, located in the surge box at the tank inboard aft 
corner. In the event of boost pump malfunction, the fuel flows by gravity 
through a separate bypass. A dual check valve is installed near the 
outlet of each boost pump, so that fuel cannot be fed hack into the tank 
through either the bypass or the fuel pump impeller. 

In addition to the normal engine feed system, a crossfeed system is 
installed so that both engines can be fed from one tank. As shown in 
Figure kk9  a system of valves is provided to permit shutting off either 
tank and routing fuel to the opposite engine. These are ac-motor- 
operated shutoff valves. However, the firewall emergency shutoff valve in 
each engine supply line is cable-operated from the flight station. 

Signal lights are incorporated into the motor-operated valves to indicate 
satisfactory operation. The lights on the fuel management panel at the 
flight station (Figure kk)  are on when the valves are in transit tc 
either open or closed position; they are off when the selected position is 
reached. Gagas are provided to permit observation of the fuel quantity 
in each tank, and to totalize the fuel quantity aboard the airplane. A 
Luclte rod sight-gage for visual determination of fuel quantity, deaigr.ed 
to be withdrawn through the wing lower surface, Is installed in each tank. 

Thermal relief valves are incorporated into the motor-operated valves to 
permit thermal expansion of any trapped fuel. The main thermal relief 
valve is located in the cross-ship manifold, and it relieves into one of 
the feed tanks. 

86 



ING 1 

STRAIN« 

mss LOW 

ENG 2 

STtAINCt 

FttSS LOW 

C1OSSFEC0 

FUIL MANAG€M€NT CON«OL «NEl 

Figure kk.    Fuel System Schematic, 

87 /-J 



TANK NO.  1 

r\ 
NO.   1 

mn 
vzkszzzzzzzzzszm 



~\ 

o vzzzzzmzzzzzm 
V/M///M/A 

~A 

I 

^~t STRAINS* 

"^ OVCRWING FILL« 

5 WATER MAIN VALVf 

Ü DUAL CHECK VALVE 

^V AC MOTOÄ-OHWIW SMUTOff VALVE 

^^ MANUAL SHUTOff VALVE 

fr EJECTOR PUMP 

_v_ FLAPPER CMKK VALVE 

@tl AC ICOSr PUMf 

°^ KOAT-OPEIU1E0 VINI VALVE 

L. 



5 «A» OIMN VALVE 

J*»b HUM. CWOK VALVf 

»jQc AC MOVOHMtAiio wurorf VAIVI 

!^^ MANUAL ftUOFf VALVI 

fr ucioifwr 

_X»_ MAW« CMCK VALVE 

(&1 AcwosriuMP 

°^) 'tOM-gFEMTED VENI VALVE 

mssu* TtANSMirm 

Zg| THEftMAL KUEf VALVf 

H FLAME AttESTOR AND VHIf EXIT 

0 FUR QUANTITY TtANSMITTEt 

Tf «OKI GAGE 

«MM, ENGINE FEED UNE 

=^ VENT UNE 

■"■ EJECTO* FtiMMY UNE 

c 
***m>m<**>- 

V 



A pressure transmitter is located in each engine feed line so that the 
proper operation of each tank-mounted boost pump can be ascertained prior 
to takeoff. Fuel pressure switches, one in each pump discharge lin<_, 
also operate indicator lights on the fuel management panel to warn of low 
line pressure with boost pump switches in the "on" position. Strainer 
lights are provided to indicate impending bypass of the 200-mesh fuel 
strainer that is installed ahead of each engine fuel pump inlet. 

To assure maximum fuel availability in the feed tank, an ejector pump 
picks up fuel at the uing lew point in the inboard end, for delivery to 
the surge box. The ejector x>ump uses available boost pump flow, which is 
tapped off from the main feed line as shown in Figure kk.    With the pres- 
sure available, only a small quantity of ejector primary fuel is required 
to pump fuel to the surge box at the rate consumed by the engine. 

The boost, pumps are each sized to deliver the maximum cruise fuel flow to 
both engines. The feed line to each engine is sized tc provide takeoff 
fuel flow at the required engine inlet pressure without boost pump 
assistance, from sea level to 6,000 feet. The cross-feed and direct-feed 
lines are also capable of supplying cruise fuel flow to the opposite 
engine at its required inlet pressure, without boost pump assistance, 
from sea level to 15,000 feet (maximum required operational altitude). 

Refueling 

Because of the small tank capacity, only gravity fueling is provided. 
Pressure fueling is considered unnecessary since, with the tank quantity 
involved, a major portion of the fueling time would be consumed in gaining 
access to the fueling adapter and in moving the hose and nozzle to and 
from the fueling location. 

Gravity fillers are located in the upper wing surface, one per tank. The 
filler openings are covered with flush caps, each of which is secured by 
chain to the wing structure. Because the wing tanks are relatively 
shallow, deflectors are used to prevent fuel sprayback and spillage onto 
the wing surfaces at the maximum filling rates. 

Defueling 

Gravity defueling is not provided within the fuel tank.    Defueling of 
each tank, however, can be accomplished by disconnecting the feed line 
at the engine inlet and  attaching the line to a suitable hose  for dis- 
charge to a storage tank.    Fuel can be withdrawn from one engine feed line 
by opening   the cross-feed valve as well as the tank valves and the 
emergency shutoff valve.    Operation of the tank-mounted boost pumps is 
not required, unless a higher defueling rate than than available by 
gravity is required. 
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Venting 

A vent line Is routed from each tank upper Inboard end to the vent exit 
at the wing tip on the lower surface aft of the rear "beam. An additional 
vent tap, with float vent valve, is located at the outboard end of the 
tank. This keeps the vent opening in the tank air space for all airplane 
attitudes. The vent exit is a flush static opening. A flame arrestor is 
installed at the vent exit to prevent flashback from any ignition source, 

ENGIHE MOUNT SYSTEM 

The engine and propeller gearbox assembly is supported by a truss attached 
to the front and rear wing spars. A mount ring which supports the gear- 
box Is attached to the front of the truss at four points, and the engir.r 
ha« two rear truss attach points over the engine center of gravity. 
Redundancy is provided in the system, in that no single failure will 
result in loss of ability to withstand limit load. The engine and gear- 
box are interconnected to create one structural assembly by a torque 
tube and two struts. 

IgHRICATIOM SYSTEMS 

The propulsion lubrication system includes three separate oil systems: 
two engine and propeller gearbox oil systems, one in each nacelle, and 
the main transmission oil system. The main transmission oil system is 
discussed in detail in Section 6. The engine and propeller gearbox oil 
system for each nacelle is schematically shown in Figure U5. The design 
objectives of the engine lubrication system are established by the 
technical requirements of the engine-propeller lubrication system and 
are in general accordance with Section D 1-k  of the Handbook of Instruction 
for Aircraft Designers (HIAE). 

The engine-propeller gearbox lubrication syatem consists of engine pres- 
sure and scavenge pumps, gearbox pressure and scavenge puims, an oil 
strainer, an oil cooler, and an oil tank. Oil is drawn from the tank by 
the f.ressuie pumps and is fed to the parallel engine arid gearbox lubrica- 
tion systems respectively. The propeller gearbox circuit supplies pres- 
sure oil to the power transfer gearbox, which transmits power to the 
cross-shaft in the wing leading edge. A drain line scavenges this gear^x, 
by gravity, to the propeller gearbox sump. The scavenge pump outflows 
from the engine and gearbox sumps are joined together at the strainer and 
then flow through the oil strainer and oil cooler to the tank. At the 
tank return, the oil is discharged onto a sloped shelf for deaeratior.. 
An engine-driven blower draws air from the atmosphere through the cooler 
and discharges overboard under the nacelle. 

In the event of an engine shutdown, an engine oil shutuff valve is 
actuated which isolates the engine oil system from the gearbox lubrication 
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system. A check valve is located upstream from the engine-gearbox 
scavenge oil Junction to prevent gearbox scavenge oil from entering the 
engine lubrication system. A check valve is also located upstream from 
the scavenge oil Junction in the gearbox scavenge line. 

Oil Tank 

Th» oil tank contains 7>7 gallons öf MIL-L-7808E oil, with 30 percent 
expansion space for aeration, resulting in a total tank volume of 
10.0 gallons. Assuming a flow rate of 2^.55 gallons per minute (5.Bo to 
the engine lubrication system and 18.75 to the propeller gearbox), the 
estimated total heat rejection of 3310 Btu per minute allows an approxi- 
mate temperature rise ot 35°F* The oil circulation rate is 3.18 cycles 
per minute, allowing a tank dwell time of approximately 19 seconds. 

When the oil returns to the tank, it is sprayed upon a deaerating surface 
and flows into the tank sump. Air vapors from this surface plus the 
accumulated oil vapors are then vented back to the engine and gearbox 
or overboard, as shown in Figure U5. In the event that this overboard 
vent becomes clogged, a pressure relief valve actuates and relieves the 
tank pressure. 

The oil tank is equipped with a transparent sight gage and an oil filler 
cap and screen. Both of these are located on the upper side of the 
engine pod. 

System Component* 

The engine and propeller gearboxes are equipped with pressure and scavenge 
pumps. Each scavenge pump is equipped with a chip detector which indi- 
cates to the pilot the presence of metallic particles in the oil. The 
oil strainer is a 10-micron strainer. 

All lines, fittings, and clamps are designed in accordance with KIAD, 
Section D 1-U. Lines which penetrate a fire zone are insulated and are 
capable of withstanding 2000*F for a period of 5 minutes. All lines can 
be completely drained and are sized for acceptable pressure drops. Drain 
valves are located at the low points in the oil tank, strainer, oil 
cooler, and each scavenge sump. 

For instrumentation, each propeller gearbox has cockpit warning lights 
for chip detection, low oil pressure, and high oil temperature. In 
Addition, dual reading gages for oil temperature and pressure are provided 
in the cockpit instrumentation {tor the engines and for the propeller 
gearboxes. 
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Oil Cooler 

The oil-to-air heat exchanger is located in the scavenge system as shorn' 
in Figure 1*5. The cooler was sized to cool the oil to 200*F maxima. The 
cooling air is supplied by a modified off-the-shelf fan, driven from the 
engine accessory gearbox. The fan is designed to supply air at 
2,7Uo cubic feet per minute at 100*F, with a total pressure rise of 
H  inches of water. The air flows through the cooler air intake, the oil 
cooler, and the fan, and is ducted overboard. The cooling air inlet 
scoop, having an inlet area of approximately 60 square inches, is located 
on the lower surface of the nacelles. The inlet lip configuration is 
designed for the high-speed cruise condition, and the fan is sized to 
provide the pressure rise required to account for the inlet loss, the 
oil cooler pressure drop, and the exit loss at the hover condition. If 
an engine is shut down for cruise economy, the propeller and gearbox 
continue to be driven by the cross-shaft, and gearbox oil cooling is 
accomplished by ram air. Under these circumstances, the total heat rejec- 
tion rate in the cooler is approximately 2,o6o Btu per minute. 

POWERPLAHT CONTROL SYSTEM 

Operating Characteristics 

The dual nature of the Composite Research Aircraft requires that the 
engine control system provide positive engine control in helicopter mode 
and in airplane mode; further, the system must provide for a smooth 
transition from one mode to the other, without control discontinuity or 
uncontrolled power surges. 

Pilot power and speed selection of the T6^-GE-l6 engine is made through 
a rotatable input shaft on the engine fuel control, which is termed the 
power control shaft. A schematic showing engine events related to power 
control shaft angle is presented in Figure U6. Engine shutoff is at the 
0-degree position, starting is in the range of 0 to 30 degrees, and ground 
idle is at 33 degrees. The range from 33 to 75 degrees provides for 
gas generator condition control from minimum power to maximum power at 
power turbine speeds at or below a 100-percent power turbine speed of 
13,600 rpm. The range from 75 to 120 degrees provides a power turbine 
governor speedsetting range, within which the power turbine will govern 
at constant speeds while the power output may vary. Since the power 
turbins governor has an inherent droop characteristic, a second governor 
shaft, concentric with the power control shaft, is provided for droop 
compensation. The second shaft, termed a load signal shaft, may be 
connected to the load control lever (collective lever, etc.) for auto- 
matic droop compensation, or it may be pilot-operated by a "beeper" 
switch. Thus, the engine control system provides for what has become 
rather conventional engine control for a turbine-powered helicopter. In 
addition, by deactivating the power turbine governor simultaneously with 
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the activation of a propeller governor, the governing method may be 
switched; the power control shaft range of 33 to 75 degrees then provides 
conventional engine control for a turbine-powered airplane having pro- 
peller speed control. Since the power turbine governor receives its 
speed sensing signal from an airframe-supplied speed signal shaft or 
cable, the governor may be deactivated by incorporation of a very small 
clutch in the speed signal cable. This is the system employed in the 
CRA engine control system. 

Engine control devices at the crew station, shown in Figure kj,  consist 
of a power lever for each engine, with a total range of movement corre- 
sponding to approximately 77 degrees of rotation of the governor power- 
control shaft; a propeller pitch-control lever for manual control of each 
propeller; and a propeller-governing wheel. Power control shaft rotation 
above the 77-degree point is not required in this installation, since 
only oi.o constant turbine output speed is required. The propeller pitch 
control lever range of movement is from zero thrust setting, through a 
manual pitch-control range, to an extreme forward, detented feather 
position. The propeller-governing wheel provides an off position and a 
marked range for selection of governed propeller speed. When the 
propeller-governing wheel is advanced to any propeller-governing position, 
the small clutch in the speed signal cable to the engine governor is 
simultaneously disengaged, and the power turbine governor is deactivated. 
Propeller speed control is then automatically maintained by the single 
master propeller governor, and power is pilot-controlled with the power 
lever.  Conversion from power turbine governing to propeller governing, 
and vice-versa, is accomplished smoothly and in a completely controlled 
manner by a simple technique. 

Control During Starting and Normal Shutdown 

For engine starting, the propeller pitch-control levers are at zero thrust 
and the propeller-governing wheel is in the off position. For normal 
engine shutdown, the power levers are simply moved to the stop position. 

Helicopter Mode 

During helicopter operation, the propeller pitch-control levers are in the 
zero thrust position and propeller governing is off. The power levers are 
advanced to the maximum forward position, corresponding to approximate!*/ 
77 degrees of rotation of the engine fuel control input shafts. This 
simultaneously sets the power turbine speed governors to maintain 
100-percent main rotor speed automatically; it also sets the gas producer 
governors for maximum power availability. The helicopter rotor speed is 
then maintained at 100 percent at all collective lever positions, with 
the exception of the effects of power turbine governor droop. Since the 
governors do have an approximate 10-percent speed droop between 0- and 
100-percent power, two "beeper" switches are provided on the collective 
lever grip for pilot correction of engine speed as the power demand is 
jhanged. 
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Conversion 

Jh the conversion from one flight mode to Another, the method of governing 
engine output speed must also be converted. In converting from helicopter 
to airplane node, propeller pitch is increased gradually, with the 
manually operated, propeller pitch control levers and the main rotor pitch 
gradually reduced vith the collective lever, until the aircraft reaches 
a speed at which it is wing-supported and the main rotor pitch is zero. 
During this time, the power turbine governors continue to maintain 
100-percent speed, with minor "beeper" switch corrections, and the pro- 
peller governor is in the off position. When the conversion speed is 
reached, the propeller pitch is held constant and the power lever settings 
are reduced until a slight drop in engine output speed is observed; then 
the power levers are advanced just enough to regain the speed loss. At 
this point, the power level of the gas generators exactly matches the 
power absorption of the propellers at the 100-percent speed of the power 
turbine. The propeller-governing wheel is then moved rapidly from the 
off position to the maximum, 100-percent setting. This places the pro- 
peller governor in operation and simultaneously declutches the speed 
signal feedback cables to the power turbine governors, thus deactivating 
the power turbine governors. No significant change of available power, 
engine speed, or power absorption has occurred during this operation. 
AU airplane speed and power changes are now accomplished by manual 
control of the power levers, with the propeller governor automatically 
varying propeller pitch to maintain 100 percent power turbine speed. 
lower governed engine speeds are available by moving the propeller 
governor setting toward the off position until the desired speed is 
reached. The main rotor may then be slowed, braked, folded, and stowed. 

Oaring airplane flight, both propellers are governed by a single master 
governor since, being interconnected, they must have synchronized govern- 
ing for purposes of load sh*a*ing. Conversion from airplane to helicopter 
control is begun by adjusting the power lever settings until the conver- 
sion speed is reached, and the propeller pitch control levers are placed 
in approximately the correct positions corresponding to the actual pro- 
peller pitch at this point. An operational aircraft would be equipped 
vith propeller pitch control indicators so that the manual pitch control 
levers could be precisely set prior to the governing conversion. For the 
research aircraft, it is considered safe to set the manual pitch control 
approximately. The main rotor is then unstowed and unfolded, and the 
propeller-governor wheel is then rapidly turned to the off position. 
This deactivates the propeller governor, simultaneously activating the 
pen er turbine governors, and the power levers are advancea to their 
muidjKUi positions. At this time, due to the previous approximate setting 
of the propeller pitch control levers, corrective pitch adjustments may 
b* necessary. This is considered satisfactory, since only aircraft speed 
la affected. The main rotor is then started, and during this period 
further propeller pitch control adjustment is required to offset rotor 
drag. When the rotor is at 100-percent speed, rotor pitch is gradually 
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■'acreastd and propeller pitch is gradually decreased, until tht aircraft 
is supported by th" rotor and the propellers are at zsro thrust. All 
e.i£i*ie control is tiv?n accomplished by the helicopter control method 
described previously. 

Airplane Mode 

In airplane mode, propeller speed governing is used, the power turbine 
governor is deactivated, and aircraft speech and power are cortrolled 
manually with the power levers. For ground-starting as an airplane, the 
start may be accomplished with the propeller-governor either on or off, 
and the propeller pitch control levers rnu^t be at zero thrust setting. 
After the engine has started, and with the power levers initially in 
ground idle position, taxi speed may be controlled either with propeller 
governing and the power levers, or with power turbine governing and com- 
bined use of the propeller pitch control levers and the power levers. 
For takeoff and landing in this mode, propeller governing Is used, and 
power is manually controlled by using the power levers. 

FIRE FREVEMTION 

The engine nacelle is divided into three basic fire protection zoneß by a t 

combination of titanium firewalls as shown in Figure U8. Zone I is the 
zon^ containing the burner, turbine, and tailpipe of the engine. Engine 
skin temperatures in this zone range from about 850*F to about 1250°F 
during no-inal operation. Any combuscor burn-through would also occur in 
this zone. This zone contains only integral steel oil lines from the 
rear bearing; therefore, although combustor burn-through can occur, a fire 
caused by flammable fluid leakage is extremely, unlikely in this zone. If 
a fire were to occur, it would be of low intensity. 

Zone II contains the engine compressor, gearbox, and accessories. This 
zone contains many sources of fuel and oil leakage. There is a 
20 kilovolt-ampere alternator on the left-hand engine, but none on the 
right-hand engine. The single alternator is cooled with air ducted from 
the oil cooler intake s:oop, which precludes ftiel/air vapors entering 
the alternator and becoming ignited. There are no dc generators or other 
pieces of electric*.! equipment, in either nacelle, which could cause 
ignition. There is rotating machinery in Zone II, such as the gearbox and 
the accessories, which is subject to overheating, bearing failures, case 
rubbing, seizure, etc., and which can cause overheating to such an extent 
that fuel or oil and air vapors could become ignited. However, the 
possibility of such failures is renrce. When failures of this type do 
occur, they frequently are violent and result in broken fuel or Oil lines 
or reservoirs, thus simultaneously creating both the source of ignition 
and flammable fluid leakage. In addition to these sources of ignition, 
the engine skin temperature in this zone (under all noriial operating con- 
ditions) ranges up to 800° F. This is in excess of the rurbine fuel 
minimum autoignition temperature, so there is a possibility of ignition 
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from this source. Ail rlammablt? fluid sources of leakage could be 
shrouded and drained overboard, but this is considered to be impractical. 

Zone III fs the region above the Zone I and II top firewalls. Zone III 
is subject to accumulations of fuel and oil from leaks in the integral 
fuel tank in the wing, the oil tank, and various f\?.ei and cil fittings. 
To carry away such accumulations, the +op firewall system is liquid- 
tight, and drains are jrcvided at all low spots. 

To prevent the accumulation of combustible vapors, all three zones are 
purged with ventilating (or cooling) air, providing at least three changes 
of air per minute. The cooling air provisions for Zones I and II are 
discussed later, under Engine Compartment Cooling. Zone III is ventilated 
by air entering a ram scoop in the lead5n^ edge of the pylon, just below 
the wing. This air passes between the wing and the top firewall system 
and exits through louvers on the sidf-s oi Zone III near the trailing edge 
of the pylon. 

A heat-insulating blanket is provided on the bottom side of the Zone I 
top firewall. This blanket shields the firewall from engine hot section 
radiation and theieby prevents the firewall from getting hot enough to 
ignite fuel which may drop on it from a leak in the integral fuel tank 
aft bulkhead« 

FIRE DETECTION        « 

Effective corrective action in the event of a fire is largely dependent 
on early detection aud rapid actuation of protective devices. Zone I 
contains only a minuty. source of flammable fluid leakage, making the 
possibility of fire i% this zone remote. Engine combustor burn-through 
can occur, however, and»in such a case the engine should be shut down. 
To detect an overheat in Zone I, a three-segment continuous fire 
detector element, conforming to MTL-Spec D-70O6B, is installed around 
the engine in the middle of the cooling air passage, slightly aft of 
the engine exhausc flange. One segment is attached to each of the two 
cowl panels, and one segment is attached to the structure around the top 
of the engine. These segments are connected in series, and are set 
sufficiently high, so that false warnings will not occur in normal 
operation. An amber light on the pilot's panel is turned on to indicate 
overheat, 

One section of'continuous- detector element is installed on each side of 
the nacelle in Zone' ~I. These two systems are connected to a red light 
on the^jpilot's panel. Therefore, the pilot can determine if there is an 
overheat (amber light for Zone l) or a fire (red light for Zone II) and 
take appropriate corrective action; such as reducing power, shutting 
the engine down, only, or shutting the engine down and actuating the fire 
extinguishing system. 
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FIRE EXTIHQUISHMENT 

A one-shot fire extinguishment capability is provided for each engine by 
a bromotrifluorome thane (CFoBr)  system.    The agent containers  (cne  for 
each engine) are located in Zone III.    Each bottle contains 2-1/2 pounds 
of the agent, which is enough to flood Zone II.    Both the 7,one II cooling 
air  inlets  in the  spinners and the alternator coolin," air inlet on the 
left engine are equipped with shutoff provisions so that Zone II on either 
engine can be sealed off, retaining the agent in this zone for some time 
after agent release. 

Engine shutdown and ventilating air shutoff are "accomplished by pulling 
an emergency handle in the cockpit.    A separate switch, under the handle, 
is pressed for agent release.    The agent containers are equipped with 
thermal discharge provisions and discharge indication, both of which are 
accessible to inspection from the ground. 

TOB COBTAHMgBT 

The spread .of fire from zone to zone withir. the nacelle is inhibited by a 
network of titanium firewalls conforming to Federal Aviation Regulations 
25 and 29.    Zone II is in front of Zone I and below Zone III.    The cowling 
on Zone II is titanium down to the longeron, which will prevent fire 
burning out cf this zone., except below the longeron.    During forward 
flight,  fire issuing from Zone II through a burned-out lower cowl will 
impinge on the Zone I cowling, but it is prevented fru.. burning into this 
zone because the Zone I cowling is titanium all around.    During an auto- 
rotation landing,  fire from Zone II is prevented from burning into 
Zone III because the tone is skirued with titanium.    The titanium skin 
on Zone II extends far enough below the wing that fire,  issuing from 
Zone H during an autorotation landing, is prevented from damaging the 
wing or causing explosion of fuel vapors» in th? integral tanks. 

IrexKÜMEHTATICU SYSTEM 

Power plant instrumentation for the research aircraft is reduced to the 
types and quantities necessary to accomplish the research mission safely 
and adequately.    However, the basic design would not preclude the ^se of 
lull instrumentation per military specifications and/or FAA regulations 
for an operational aircraft. 

Figure 1*7 shows the arrangement of powerplant and drive system 
Instrument at ion. 

STARTING SYSTEM 

The two T61<-GE-aJb" turboshaft  poverplants   on this vehicle are started by 
a variable-displacement, 3,000-psi, 17.2-gallons-per-minute (gpm) 
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hydraulic motor, mounted on the accessory ^earcase of each engine. The 
starter motor, starter valve, and utility hydraulic pump package used in 
this system are identical to those used on the AH-56A. j-round connections, 
located in the nosewheel well, are provided to Join the ground, hydraulic 
power unit to the system for starting the Number 2 engine. The Number 1 
engine is started from the utility hydraulic power package driven by the 
started engine. 

ENGINE COMPARTMENT COOLING 

The engine nacelles are divided into three compartments as shown in 
Figure 1+9. Air for Zone I is admitted through flush scoops near the  # 

forward end of the zone, and on either side of the nacelle. This air is # 

discharged through an angular slot between the trailing edge of the cowl- 
ing and the engine exhaust diffuser discharge. 

Cooling air for Zone II is provided by a ram scoop in the nose of each 
spinner and flows over the propeller hub and through a rotary shutoff 
valve into Zone II. After flowing through Zone II, this air is discharged 
through louvered openings on either side of each nacelle, near the top and 
bottom rear of the zone. During hover operations when there is no ram, 
air is drawn through the spinner and into Zone II by fan blades inside the 
spinner. The left engine drives a 2O-kilovolt-ampere, air-cooled alter- 
nator, which incorporates an integral fan capable of pumping sufficient 
air for cooling under hover conditions. 

INSTALLATION LOSS ANALYSIS 

The effects of inlet and exhaust system losses, power extraction, and 
cooling-air drag have been considered in determi.iing the engine per- 
formance. The presentation of the data is in general accordance with 
MIL-D-17984A (ASG)-l, and it includes installed-engine performance for 
the T6VGE-16 engine. 

Discussion and Presentation of Inlet Loss Analysis Results 

The inlet total pressure recovery is shown in Figure 50. As envisioned for 
operational aircraft, the inlet doors are interconnected with the landing 
gear. Takeoff and any operation in ground effect (IGE) would normally be 
performed with the landing gear down and with onl* the filtered air source 
open. When the landing gear is retracted, the ram air source is opened 
and the filtered air source is closed. An override is provided, however, 
so that when the aircraft is hovering at 6,000 feet, 95°F, out of ground 
effect (OGE), where engine performance is critical, both inlets can be 
opened, thereby resulting in a relatively high inlet total pressure 
recovery ratio. 

The research aircraft has auxiliary doors to provide the same recovery at 
6,000 feet, 95°F as the operational version of this aircraft. Since 
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these doorß are spring-loaded suck-in doors, air source selection is not 
possible, and the sea-levr.l takeoff inlet total pressure recovery ratio of 
this aircraft is higher than that of operational aircraft. Of course, 
any dust in the air may be ingested with this system. 

Exhaust Duct and Exhaust Ejector Analysis 

The exhaust system a?,-rangenient is showm in Figure 51. t  The exhaust gas 
diffuses from the engine flange (Area = 2.(A ft2) to th# exhaust face 
(Area =3.12 ft2) with an equivalent conical diffuser angle of 11.4 
degrees. The exhaust gas also pumps cooling air through the hot section 
(Zone I) which contains the combuster, turbine, and tailpipe. 

Exhaust Duct Analysis 

The exhaust nozzle shown in Figure 51 is identical to that on which the 
engine manufacturer based engine performance; therefore, the exhaust 
system effect is already included in the specification performance. 

Exhaust Ejector Performance 

The exhaust nozzle and cowling constitute a zero-length ejector to 
pump ventilating air through Zone I. At least three air changes per 
minute are required to ventilatl Zone I> adequately. Experience indi- 
cates that the zero-length ejector will provide adequate Zone I 
ventilation. 

Losses Due to Power Extraction 

Accessory power extraction is tabulated in Table VI for three critical 
flight conditions. Power available to the propeller, main rotor, and 
tail rotor was predicated on power path efficiencies of 98.2 percent to 
each propeller, 97.2 percent to the main rotor, and 97-2 percent to the 
tail rotor. These efficiencies account for drive system losses. The 
sum of these gear losses and the accessory power extraction was subtracted 
fraa the engine installed shaft horsepower to obtain the power on which 
aircraft performance was based. 

Miscellaneour 

The recovery ratios shown in Figure 50 include an estimated propeller cuff 
pressure rise cf approximately one-half percent over the entire flight 
Mach number range. 

Cooling Air Drag 

The cooling air required for oil cooling is pumped by a fan. Sine« the 
fan pressure rise, plus heat addition, converts some of the extracted 
horsepower already accounted for to thrust, the difference between this 
thrust and the ram drag is considered to be insignificant. For Zone I, 
13, and III cooling air drag, this combined drag is of an order of 
magnitude of 2 pounds, allowing at least 10 changes of air per minute 
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through each zone. Therefore, the CRA engine performance Is not corrected 
for cooling air drag. For a further discussion of the cooling system, 
refer to the previous paragraphs on Engine Compartment Cooling. 

Overall Effect Upon Engine Installation Performance of Various Installation 
Losses 

Installed engine performance for various altitudes, speeds, and power 
settings is presented in Figures 52 through 6k* 
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Figure 52«    T6U-OB-16 Ins tailed Perfornance, Sea level 
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SECTION 6 

POWER TRANSMISSION SYSTEMS 

DESIGN REffJIRBMEKTS 

The power transmission system is designed in general accordance with the 
guidelines defined by specifications MIL-A-880O through MIL A-88?0 (ASG), 
and in conjunction with specifications MIL S-3698, MTL-T 5955B, «nd 
MIL-T-8679;. as appropriate. 

CAPABILITY AND PURPOSE 

The transmission systeir is designed to satisfy these functional requirements: 

• To transmit power from the wing-mounted engines to the aircraft 
propulsion systems, the forward thrust and the vertical lift 
system 

• To provide preper supporting structure while the main rotor system 
is either stowed or extended 

• To provide wing cross-shafting to interconnect the two propellers 
mechanically, to guard against asymmetric thrust due to an engine- 
out situation 

• To provide either fixed-wing or VTOL propulsion capability 

SPECIAL FEATURES 

The power transmission system as designed for the Composite Research 
Aircraft is based on these features: 

• Instant and automatic disengagement of an engine upon loss of 
power 

• 3,600-hour aircraft service life on nonreplaceable components 
(i.e., gearing, shafting, and housings) 

• 1,200-hour minimum operating time between overhaul requirements 
for bearings, couplings, clutches, and rotor brake 

• 10 to 15 percent growth potential of engine without major develop- 
ment of drive system 

• Lighter weight vertical lift system as a result of large shutdown 
time during fixed-wing mode of operation 
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• Compact main transmission capable of stowing/extending main rotor 
without interfering with cargo spnce 

• Maximum use of available previously qualified components, where 
applicable, for cost and time savings 

GEHERAL DESCRIPT1DH 

System Description 

The power transmission system is a mechanical drive system transmitting 
the power from the wing-mounted engines to the aircraft propulsion systems, 
the forward thrust system (propellers), and the vertical 1'ft system (main 
and tail rotors).  Figure 65 shows the general arrangement of the power 
transmission system. The power transmission system ratings are shown in 
Table VII, 

The arrangement of the power transmission system conforms with the aircraft's 
configuration and performance requirements. The design of the system's 
components has been selected from trade-off studies for maximum performance, 
efficiency, and reliability and minimum weight. 

The system's arrangement provides for shutting down and reactivating the 
vertical lift system without interrupting the operation of the forward 
thrust system. Flight range and safety are improved by mechanically inter- 
connecting the propeller transmissions and by axi overrunning clutch at the 
engine output shaft. With one engine shut down, the other engine can drive 
both propellers in the forward thrust system and also the rotors in the 
vertical lift system. 

A flight safety feature is the decoupler in the cross shaft between the 
propeller transmissions. In case of a propeller or gearbox mal. function, 
or a nacelle fire, actuation of the decoupler divorces the propeller 
transmission from the power transmission system. 

The interfaces between the system components are designed for individual 
removal of components. Access is provided for servicing and maintenance. 

Ttmt main components in the power transmission system are the engine/ 
propeller transmission, the main rotor transmission, the tail rotor drive 
intermediate gearbox, and the tail rotor gearbox. Included in the power 
transmission system Is the shafting between the components; the shaft bear- 
ings, supports, and couplings; the vertical lift system disengaging clutch; 
the rotor brake; the drives for the aircraft systems' accessories; and the 
lubrication systems*, 

The power path from the engines to the propulsion systems is as follows: 
The engine power output shaft drives through an overrunning clutch into the 
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propeller transmission. This transmission contains t\o power paths, one to 
the propeller and one to the engine cross shaft. The cross shaft runs lat- 
erally through the ving and main rotor transmission to the engine propeller 
transmission on the opposite wing. A clutch in the main rotor transmission 
engages the cross shaft for power transmittal to the main and tail rotors. 
A power train within the main transmission drives the main rotor and the 
tsil rotor drive shaft and accessory gearbox. The tail rotor drive shaft 
runs aft in the fuselage, through the intermediate gearbox and tail rotor 
gearbox» to the tail rotor. 

Power System - Transmissions 

Kngine/Propeller Transmission 

The engine/propeller transmission proposed for use on the GRA is a 
modified version of the propeller transmission used on the XC-1U2A 
V/STQL experimental aircraft. 

Two added mount pads are located near the top of the gearbox as shown 
in figure U3, one on each side located 20 degrees radially from the 
vertical center. Internal lubrication system changes necessary to 
provide adequate lubrication for all elements and to provide scaveng- 
ing in the inverted position will be incorporated. 

The modification to provide for driving the extension shaft to the wing 
gearbox consists of external mounting of a pair of bevel gears driven 
off the input to the gearbox. The relationship of the extension shaft 
to the engine-propeller gearbox and the wing gearbox is shown in Fig- 
ure U3 also. 

A comparison of the design factors of the present XC-1U2A gearbox and 
the gearbox as modified for the CRA vehicle is as follows: 

XC-1U2A     Lockheed CRA Modification 

Engine rpm 

Engine hp assumed 

1st stage ratio 

let stage torque 

2nd stage ratio 

2nd stage hp 

2nd stage rpm (output) 

2nd stage torque (out) 

13,600 13,600 

3,850 3,900 

2.79 2.79 

1,^90 ft-lb 1,509 ft-lb 

3.96 3.17 

3,^20 3*900 

1,232 1,5^5 

lU,550 ft-lb 13,300 ft-lb 

The engine/propeller transmission will have a common lubrication sys- 
tem, deaigned to use MIL-L-7ß08 oll or equivalent, and will provide 
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sufficient capacity to lubricate the engine, the main gearbox, the 
adapter gearbox overrunning clutch assembly, and the wing gearbox. 

Bevel Gearbox 

The bevel gearbox, which drives the extension shaft to the wing gear- 
box, is mounted directly to the gearbox, and it supports the over- 
running clutch assembly which is driven by the engiae shaft. Torque 
is transmitted by a pair of spiral bevel gears which reduce the speed 
from 13,600 rpm engine output speed to 11,150 rpm of the extension 
shaft. The pinion gear shaft is splined to the shaft between the 
overrunning clutch and the propeller gearbox. Both pinion and gear 
have teeth integral with their shafts, and they are straddle-mounted 
in a common housing between radial roller bearings and duplex angular 
contact bearing sets. 

Extension Shaft 

The extension quill shaft from the bevel gearbox to the wing gearbox 
is mounted in splines at both ends; it is capable of accommodating the 
expected maximum misalignment of the two gearboxes and of transmit- 
ting the design torque to the wing box. In order to provide for shaft 
disassembly without disturbing the gearboxes, a short section of sh^ft 
near the lower end is made removable. A protective housing for the 
shaft serves also as a scavenge oil return path, and it is equipped 
with a flexible boot at each end to provide structural separation and 
access for shaft disassembly. The shaft mean diameter of 3.^ inches 
and the length of 30 inches provide a critical speed margin greater 
than 2.0. 

Wing Angle Gearbox 

A spiral bevel-mesh gearbox is located at the junction of the wing 
cross shaft and the drive centerline from the propeller transmissions. 

The left-hand assembly includes provisions for driving and mounting 
the standby hydraulic pump. 

The gears and bearings are supplied with lubricating oil provided from 
their respective propeller transmission main pressure systems. The 
wing gearbox oil flow is based on an estimated oil heat rejection of 
526 Btu per minute. Assuming a maximum oil temperature rise of hO°F, 
the required oil flow rate is approximately 3.*+ gallons per minute. 
The extension shaft protective housing is used as an oil drainage 
path. The metal housing is fitted with a boot at each end, and ade- 
quate drain holes are provided in the bearing retainer castings at 
each end of the housing to accommodate the 3.U-gallon-per-minute flow. 

The wing angle gearbox is directly mounted to the structure that sup- 
ports the propeller, transmission, and engine system, thereby ensuring 
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sufficient alignment to permit the use of a simple quill shaft drive 
tvor. the propeller transmission. 

A curvic coupling is used to connect to the cross shaft, which is, in 
turn, provided with flexible points to accommodate both axial and 
angular mismatch between the angle boxes and the lower main rotor 
transmission. 

Main Rotor Transmission 

The main rotor transmission assembly is the part of the power trans- 
mission system that combines the power from the two engines, trans- 
mits the power to the main and tail rotors, supports the main rotor, 
an*transfers the main rotor forces to the aircraft fuselage, lue 
transmission housing is divided into three pin-Jointed subassemblies, 
and it folds around the pin joints when stowing the rotor. The 
transmission contains the engine power clutches for engaging and dis- 
engaging engine power when changing to and from helicopter and air- 
plane modes, f.he rotor brake, and the drives for accessories required 
for the main rotor control and operation. Main rotor control and 
blade-folding components (actuators, swash plate, control rods, main 
rotor control gyro drive) are located on, and form an integral part 
of, the transmission assembly. 

Figure 65 shows the main rotor transmission and the location in the 
aircraft fuselage. 

The basic transmission assembly is divided into three major subassem- 
blies: the lower transmission assembly, the lift truss assembly, and 
the upper transmission assembly. The lower transmission assembly is 
mounted in the fuselage on the forward side of the wing beam. The 
lift truss assembly is Joined to the lower transmission assembly by 
trunnions (lower trunnion) concentric with the cross shaft. The upper 
transmission assembly is Joined to the lift truss by trunnions (upper 
trunnion) parallel to the lower trunnion. Figure 66 shows the trans- 
mission envelope. 

The trunnion-Jointed, three-piece transmission assembly folds when the 
rotor is stowed. In the process of folding, the lift truss rotates 
about the lower trunnion, translating the rotor and upper transmission 
forward and down Into the fuselage. During this translation, the 
upper transmission and rotor rotate backward around the upper trunnion 
Joint, keeping the folded rotor blades parallel to the fuselage and 
positioned for stowage in the fuselage. 

Power fron the engine power cross shaft to the main rotor must cross 
over the two transmission trunnion Joints. These Joints rotrte when 
the rotor is being stowed. To transfer power across the Joints, a set 
of right-angle spiral bevel gears is used at each Joint. The rotative 
motion at the Joint causes one bevel gear to roll on the mating gear, 
the mating gear turning on its center. 
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Figure 66. Main Rotor Transmission Assembly 

131 



cuciara*no K, 
wmmrtiniMf C1 
SflKTCiVALVt r 
coatm SWITCH *~- 

isembly 



T3>St2SHU 
I ,  CU*C* COOUHO OK. 

MF*^\       cÜHÖI*Cni(kTIOM 
-»A     \   loiw.w-iinni 
A  ^ VOUICM KAvtNOi KMH 

^-CL#4»-l-»4 »OTOI •»«•«> 

- CLM5-2-M reAMMBSION KMV A P1W5IOM FOI MtllUMtNUTION AS NOTfO 

IN. 0 4 12 II 

S i i i-i i i i i i i l-i-i-mrrzi 



Page Intentionally Left Blank 



The power gear train within the transmission assembly is shown by the 
power transmission schematic, Figure 65. 

The engine power cross shaft, running laterally in the nose of the 
wing, mechanically interconnects the engine power output shafts ana 
combines engine power. This cross shaft passes through the lower 
transmission assembly, wherein hydraulically operated clutches engage 
the cross shaft. Dual power paths, laterally disposed, are used to 
transmit power to the upper transmission assembly, one-half rotor 
pover in each path, and a clutch for each path. The speed reduction 
ratios in the transmission assembly are: total ratio from cross shaft 
to main rotor, 33.7j 1st bevel gear ratio, 1.35; 2nd bevel gear ratio, 
1.60; 3rd bevel gear ratio, 1.^5; spur gear stage, 3-53; and plane- 
tary gear stage, 3.00. 

The tail rotor drive shaft is driven by a right-angle spiral bevel 
gearbox in the lower transmission assembly, with the drive pinion in 
the right-hand dual power path from the clutch to the upper trans- 
mission assembly. The drivsn gear drives through the wing beam to an 
accessory gearbox located on the aft side of the beam, and through 
the accessory box to the tail rotor drive shaft. The rotor brake is 
located on the accessory box output shaft. The tail rotor shaft 
coupling is a flexible diaphragm coupling. 

Tha accessories mounted on, and driven by, the accessory gearbox are: 
transmission lubrication press ire and scavenging pumps; clutch actu- 
ating pumps; hydraulic pump for rotor flight controls; rotor tachom- 
eter generators; and rotor detent mechanism. The drive for the 
lubrication system oil cooler blower is located on the right-hand 
side of the lower transmission assembly, and it drives forward to 
the blower. 

The power clutch between the engine cross shaft and the main trans- 
mission contains two complete clutch sections, one for each of the 
dual power paths to the upper transmission assembly. The clutches 
are hydraulically actuated, oil-cooled, axial wet clutches, with one 
sintered bronze disc in each clutch section. The clutch hydraulic 
system is combined with the transmission lubrication system, and they 
utilize a common oil tank. A separate pressure pump and a separate 
scavenge pump circulate cooling oil through the clutch when engaging 
the rotor power train; the scavenge pump discharges through a filter 
to the oil tank. The operation of the power clutch system is des- 
cribed in the Main Rotor Clutch paragraphs, which follow. 

The lubrication system is a pressure system with oil spray nozzles at 
the gear meshes. A complete description of the system is given later, 
under the Lubrication System heading. 

The bearings for all rotating gears and shafting are ball and roller 
bearings. The material of the bearing races and rolling elements is 
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specially processed steel for extra cleanliness and increased life. 
The material of the rolling element separators is silver-plated, 
heat-treated steel for extra strength and durability. 

The gear material is case-hardened steel. The housing material is 
cast magnesium. 

The rotor brake is a two-button disc type, with a master hydraulic 
cylinder for actuation. 

Intermediate Gearbox 

The intermediate gearbox transfers power from the wing shaft power 
takeoff to the tail rotor gearbox during the helicopter mode. 
Straddle-mounted spiral bevel gears with t 17:33 ratio are used to 
Bake an angular change and to reverse direction in the tail rotor 
drive shaft system. All housings are magnesium castings with steel 
bearing liners. The weight of the gearbox is approximately 55.6 
pounds. 

The gearbox is lubricated by means of a gear pump driven by a splined 
adapter on the output gear shaft. Oil is scavenged from the sump area 
and directed through a filter screen to the gear mesh and pinion shaft 
bearings. All remaining bearings are splash lubricated. The gearbox 
ia cooled by directing air over and around the outer gearbox housings. 

Tall Rotor Gearbox 

During the helicopter mode, the tail rotor gearbox transfers power 
from the wing-shaft power takeoff, through the intermediate gearbox, 
to the tail rotor. Straddle-mounted spiral bevel gears, with a 16:55 
ratio, are used to make a 90-degree angular change in the tail rotor 
trlve shaft system. All housings are magnesium castings with steel- 
bearing liners. Duplication of details is used wherever possible. 
The weight of the gearbox is approximately 69.0 pounds. 

The gearbox is lubricated by means of a gear pump driven by a set of 
75:33 ratio spur gears off the output gear shaft. Oil is directed 
through a filter screen to both gear meshes and the output gear shaft 
bearings. AU other bearings are splash lubricated. The gearbox is 
cooled in the same manner as the intermediate gearbox, with the tail 
rotor pulling additional air over the housing areas. 

Main Rotor Clutch 

The main rotor clutch is an integral component of the inboard main rotor 
drive cross-shaft transmission. The clutch is engaged by driving two 
pistons inward against a radial extension of the cross shaft. Sach piston 
Is torsionally coupled to a main rotor transmission drive bevel gear. 
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Description 

The pistons are single-acting and coil-spring-biased toward the dis- 
engaged position. The piston is driven by a high-pressure lubricating 
oil supply, delivered through a carbon-ring, sealed, transfer spool 
between the piston shaft and outer casing. The piston friction sur- 
face has a direct deposition-sintered, bronze coating, contacting a 
plain, steel-bearing plate which, in turn, is coupled to the cross 
shaft. 

Cooling oil is brought through the outer casing and directed to the 
back faces of tl^e bearing plates. A network of axial feed ports of 
circumferential distribution passages and of radial grooving trans- 
ports the cooling oil to the high-temperature areas of the contact- 
ing surfaces. 

Operation 

Clutch engagement is initiated by diverting fluid power from the high- 
pressure hydraulic system to a hydraulic motor which drives a three- 
element, lubricating oil pump. One element supplies cooling oil to 
the clutch at a rate of 15 gallons per minute at nominal pressure. 
Another element provides pressure oil to the piston actuation parts 
at a flow rate of 2 gallons-per-minute. Initial actuating oil pres- 
sure will be 200 psi; it will then be modulated to the steady-state 
pressure by a control valve which will monitor actuation-pressure 
based on rotor speed, so that the generated clutch heat load to the 
cooling oil will tend to be uniform throughout the engagement cycle. 
The third element of the oil pump will provide scavenging of the 
cross-shaft transmissi>n assembly during the clutch engagement tran- 
sient. 

After the clutch is engaged, the supply of piston actuation oil will 
be furnished by a pump element located in the rotor transmission 
lubricating oil pump assembly, which is driven by the tail rotor drive 
shaft. At this point, the hydraulic motor will automatically stop 
driving the three-element pump. The cooling oil flow is not required 
when the clutch is fully engaged or disengaged and has no slip, and 
the scavenging function is provided by the basic transmission scaveng- 
ing system. 

Heat Load Requirements 

Allowing for a rotor acceleration from zero speed to synchronous speed 
at 100-percent rotor speed, the energy dissipation in the clutch, due 
to the momentum transfer, is approximately 5,000 Stu. In addition, 
aerodynamic drag resistance during the acceleration is expected to 
add 1,000 Btu of clutch heat, resulting in a total of 6,000 Btu, or a 
design point of 3,000 Btu per clutch. 
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Clutch Type Selection 

An external (dry) clutch is somewhat simpler to design and install, 
but the foregoing oil cooling results in an appreciable weight 
Increase in the clutch in order to provide enough mass of metal to 
absorb the clutch heat rejection and transfer it to external cooling 
air. In contrast, building the clutch as an integral component of 
the main transmission, as is proposed here, facilitates oil cooling 
of the clutch, so that virtually all the clutch heat can be trans- 
ferred to the oil system, resulting in lower weight and in reduction 
of thermally induced stresses. 

The design engagement time strongly influences the size of the clutch. 
As the engagement time decreases, the time rate of heat loading 
increases, thereby requiring greater cooling-oil flow and increased 
heat transfer effectiveness to the cooling oil. Beyond a reasonable 
point, it becomes difficult to provide increased heat transfer to the 
oil without increasing the physical size of the clutch, and the 
balance of the heat load must be absorbed by the clutch metal. To 
ensure against possible clutch problems in the development phase of 
the rotor drive system, the design normal engagement time has been set 
at a nominally conservative value of 1+5 seconds. The clutch size 
should easily accommodate the 15 gallons-per-minute cooling-oil flow 
rate, which would then require a heat transfer effectiveness capable 
of raising the oil temperature about 1+0°F. 

Steady Operation 

Assuming that system vibration will prevent the attainment of an 
idealized static condition, the clutch is designed to transfer 125 
percent of rated torque to the rotor, with a coefficient of friction 
of only 0.035» The required piston operating pressure is approxi- 
mately 1,600 psl, of which approximately UOO psi is developed by the 
rotating column effect within the piston chamber. The nominal exter- 
nal oil supply pressure will be approximately 1,200 psi; however, 
lubrication system components are to be designed to increase this 
pressure to 2,000 psi for growth and contingency considerations'. 

Disengagement 

Each piston chamber cavity is provided with an O.O3O-inch-diameter 
continuous bleed hole near the outside diameter of the chamber. The 
clutch is disengaged by stopping the makeup oil flow to the piston 
chamber, thereby allowing the piston bias springs to pull the piston 
away from the cross-shaft driving surfaces. 

Rotor Brake 

The rotor brake is an air-cooled disc brake with two diametrically oppo- 
site, hydraulically actuated buttons.    The buttons are self-adjusting, 
and the button displacement is the same for new or worn linings.    The 
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brake is located on the tail rotor drive shaft, adjacent to the accessory 
gearbox, aft of the wing beam. Brake hydraulic pressure Is supplied by 
the flight system's hydraulic pump, a valve modulating the pressure. 

The brake is applied after the main rotor power clutch is released and 
rotor speed decays to 50 percent of normal speed (120 rpm). Pull braking 
force is used until rotor speed decreases to 10 percent of normal speed 
(2*4- rpm). At this speed, the rotor brake pressure modulating valve oper- 
ates in conjunction with the rotor detent mechanism to stop the rotor at 
the azimuth position required for blade folding. Full rotor brake pres- 
sure is applied when the rotor is at the desired position. The rotor hub 
stop is then engaged and the rotor brake pressure is released. 

The rotor brake is sized for stopping the rotor system in 10 seconds for 
normal operation and in k  seconds for emergency operation. 

Tail Rotor Drive Shafting 

The tail rotor shaft system consists of shafting, diaphragm couplings, 
bearing supports, ball spline coupling, intermediate gearbox, tail 
rotor gearbox, and tail rotor assembly and bearing support. 

The tail rotor drive shaft, between the hydraulic accessory gearbox 
and the intermediate gearbox, is installed in three sections. A ball- 
spline coupling is mounted directly behind the first diaphragm cou- 
pling to absorb any axial movement. A single shaft is used between the 
intermediate and tail rotor gearboxes with a center bearing support. 
A diaphragm coupling Joins the shaft to each gearbox by means of 
fixed curvic Joints. To provide for angular misalignment, a slip 
spline is provided at the tail rotor gearbox to absorb axial movement. 

A single shaft also connects the tail rotor gearbox and the tail rotor 
assembly. It is connected to the tail rotor gearbox with a diaphragm 
coupling and a fixed curvic joint to provide for angular misalignment. 
A slip spline is employed at the tail rotor bearing support to permit 
axial movement. 

The tail rotor bearing support has an oil reservoir, filler plug, 
sight-level gage, and magnetic drain plug. The ball-spline coupling 
and the shaft bearings are grease lubricated. A minimum of 1,200 
hours is required between servicing. Lubrication and description of 
the tail rotor and intermediate gearboxes are discussed later, in the 
Tail Rotor Drive System Lubrication paragraph. 

DESIGN CRITERIA - TBAM3M35SICN SYSTEM 

Structural Criteria 

The following general structural criteria, in conjunction with the appro- 
priate structural factors as defined in MIL-S-8698, are utilized for the 
transmission system. 
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External Loading Criteria 

The following external loading criteria, as applied to the trans- 
mission system by the main rotor, tail rotor, and tail rotor/main 
propeller, are used: 

• Maximum thrust 

• Maximum gyroscopic forces in yaw, pitch, and roll combinations for 
normal rpm and for 116-percent rpm conditions 

• Maximum moments in yaw, pitch, and roll combinations for normal 
rpm end for 116-percent rpm conditions 

Inertia Load Factors 

The inertia load factors for the various components of the power 
transmission system during flight, landing, and crash conditions are 
utilized to determine critical design conditions. 

Drive System Criteria 

Components comprising the power train are subject to the following 
design conditions or combinations thereof: 

• Maxis»« design steady torque 

• Maximum design transient torque 

• Speed power spectrum, as applicable 

• Starting and stopping loads 

• Handling loads 

Special Considerations 

Listed below are the special considerations applicable to the power 
transmission system design: 

• A dynamic factor of 1.25 is used in the engine/propeller, wing 
cross-shafting, and main rotor drive systems for the transient 
torque conditions. 

• A dynamic factor of 1.33 Is used in the tail rotor system for the 
transient torque conditions. 

• Because of the high rpn values encountered, the cyclic stresses of 
all shafting and gearing during normal operation, coupled with the 
steady-state stresses, are kept below the notched fatigue strength 
of the material. 
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Dynamics Criteria 

The followi.ng dynamics criteria, based upon experience at Lockheed and as 
defined in MIL-S-8692, are utilized for the transmission system: 

• Drive shafting resonance is separated from any multiple of the 
product of the rotor/propeller speeds and the number of blades, 
with a minimum margin of 25 percent. 

• The~-3h&ftlüä critical whirling speeds are located at least 25 per- 
cent above the maximum operating range (normal rpm x 1.2 x 1.25). 

• The system has a torsional natural frequency of at least 3 cycles 
per second. 

• The drive system and the governing system of the powerp^ant are 
compatible. 

• Failure in any one portion of the drive system will not cause 
resonance conditions in the remaining portions of the drive system. 

• The coupling of the drive system to the airframe structure will not 
result in excessive vibration in either the drive system or the 
airframe. 

• Transient torques due to normal engine accelerations and loads due 
to gusts will not produce excessive torque loads or oscillations. 

Limit Torque/Shp Summary 

The limit torque/shp values, as summarized on the following page, are 
noted in Table VIII. Starting and stopping torque conditions are not 
considered to be critical and were not included in the summary. 

Power-Time Design Spectrum 

The 1200-hour power-time design spectrum for the Composite Research Air* 
craft is shown in Table IX. This spectrum is derived primarily from data 
presented in the following external loads and power distribution para- 
graphs, and it is utilized as a basis for designing bearings in the trans- 
mission system. 

DESIGN LOADS - TRANSMISSION SYSTEM 

There are two principal sourceB of loads acting on the power train: the 
engine torque, and the external loads from the rotors and propeller. In 
addition to the principal loads, the power train is subjected to secondary 
loads arising from vibrations, misalignments, and deflections. These 
loads are considered in the analysis, and they are combined when this pro- 
duces a more critical condition for both ultimate and fatigue condition». 
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External Tail Rotor Loads 

Figures 67 and 68 define the tail rotor loads for the normal hover 
conditions. 

Power Distribution 

The power distribution criteria as utilized for design of the CRA trans- 
mission system loads are presented in this section (see Table X and Fig- 
ures 69, 70, and 71). 

Shaft Horsepower/Torque Design Input Power 

The CRA power transmission system has been structurally designed to 
accoomodate an installed engine output capability at the following 
conditions: 

59*F, Sea Level 

Shaft horsepower = 3900 

Torque = 1520 ft-lb (steady) 

Output shaft rpm ■ !3f600 (normal rated) 
Output shaft rpm - 17tOOO (n, ximum) 

95
#
F, 6,QOO Feet 

Shaft horsepower ■ 2650 
Torque » 1020 ft-lb (steady) 

Output shaft rpm « 13,600 (normal rated) 

Output shaft rpm - 17,000 (maximum) 

Shaft Horsepower Distribution 

Table X defines the structural design shaft horsepower distribution 
for both the helicopter and fixed-wing modes. 

Supercritical Operation 

As an alternative configuration* a super-critical shaft installation 
has been considered for the tail drive shaft. This configuration 
would have a damped elastic bearing located 21 inches from each end 
Of the 3U5-inch«long shaft and would operate between the seventh and 
eighth critical modes. Computer results, using the program described 
in the preceding paragraph, indicate that with damping at the bearing 
of 1 lb/i»./sec and a bearing support stiffness of 100 lb/in., the 
abaft could operate at all critical speeds safely. This type of drive 
has been used successfully on the Breguet aircraft, and it has advan- 
tage« such as elimination of the large number of bearings required and 
the relaxation of balance requirements. 
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TABLE X. SHAFT HORSEPOWER (SHPX DISTRIBUTION 

Helicopt« ;r Fixed Wing] 

1                   Component 
Sea 

Hover 
Level (SL) 
Std Day 

Hover 
6,000 ft 
at 95°F SL Etd Day | 

Main Rotor i+350 Vi50 0 

Tail Rotor W+0 i+Uo 0 

Two Propellers 150 150 7520 

Drive System Losses 250 250 1U0 

Accessories 

Lubrication 5 5 5 

Transmission Cooling 15 15 15 

Electrical 15 15 15 

Hydraulic 15 15 15 

Engine Control Stability 

An estimate of the stability of the engine and fuel control system, when 
it is connected to the mechanical rotor drive system, has been made by 
comparing the CRA drive system with that of the AH-56A, which is known to 
be stable. Since the natural frequencies of the CRA drive system are 
equal to or greater than those of the AH-56A, and since the effective mass 
of the system relative to the engine is greater than for the AH-56A, it is 
concluded that the system has a better stability margin than the AH-56A. 
A more detailed analysis will be performed in the detail design stage. 

LUBRICATION SYSTEM 

Main Transmission Lubrication System 

The main transmission lubrication system consists of an engagement system 
and a sustained-operation system. Each of these two systems is in turn 
composed of an oil pressure supply system and an oil scavenge system. The 
overall system is shown schematically in Figure 72. 

The engagement system is driven "by a hydraulic motor, prior to starting 
the rotor. This system contains three pumps as shown in Figure 72. 
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The engagement system hydraulic motor receives hydraulic oil, under pres- 
sure, from the main aircraft hydraulic system. Hydraulic oil to the motor 
is controlled fcy an electric dump valve actuated by a three-position 
switch on the pilot's panel. 

The sustained-operation lubrication system contains- two pressure pumps and 
four scavenge pumps. These pumps are all driven hy the output side of the 
main rotor drive. When the rotor is stationary, the jumps are inoperativ«. 
When the rotor is brought up to operating speed, however, the pumps per- 
form all transmission lubrication functions. 

Tail Rotor Drive System Lubrication 

The tail rotor drive system consists of two gearboxes: one at the base of 
the fin, which changes the direction; and one at the "base of the horizontal 
stabilizer, which changes the direction and speed. The lubricating 
features of these two gearboxes are similar. The gears run .in an oil bath, 
and a pump is provided in each gearbox to assure positive lubrication. 

Each box is vented and equipped with a filler neck and sight gage. The 
sumps are fitted with magnetic chip detectors. Cooling is provided by 
convection and radiation. 
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GKCTIOi; 7 

VERTICAL LIFT SYSThi; 

XKIK ROTOR 

In the evaluation of the rotor design, the initial selection of rotor 
diameter was influenced by the desire to minimize the stowage problem, by 
using the smallest possible diameter. The study ground rule of 10-pounds- 
per-square-foot maximum disc loading led to an initial selection of 56 feet 
as the rotor diameter. 

A limited parametric study was then performed to optimise solidity and tip 
speed. Holding constant rotor diameter, solidity (cr) and tip speed (V"t) 
were Varied. Beginning with an assumed gross weight, main rotor horse- 
power and rpm were calculated. Then the weight of the main rotor and main 
transmission could be calculated. Several iterations were required in 
order to converge on a final gross weight and horsepower required for each 
combination of cr and \\ • 

Three different assumptions were made as to the effect, on the remaining 
empty weight, of variations in gross weight due to changes in rotor and 
main transmission weight. The resul*s of the three assumptions were 
plotted. Comparison of the plots showed that while the variation of 
remaining empty weight was very important to the absolute values of horse- 
power required and gross weight, the trends of horsepower and gross weight 
variation with <r and V^ were largely independent of the assumption. Con- 
sequently, this simplified parametric study could be used with confidence 
to select a best combination of 0 and Vfc, although it could not be used to 
predict absolute values of horsepower and gross weight. One of these plots 
is presented in Figure 73. 

With the objective of minimizing both gross weight and horsepower required, 
the plots were studied to select a best combination of tr and V*t» 
Solidities above 0.09 involved some difficulty in stowing the blades in the 
fuselage because of the higher blade chord. With this in mind, a <r of 
O.O85 and a V-t of 750 feet per second were selected. 

A parallel study showed that a divergence speed above 165 knots could be 
obtained for any of the g- and V+ combinations of interest, by the proper 
selection of blade root thickness and spanwise thickness taper. Later in 
the evaluation of the design, it became evident that the horsepower require- 
ments of a 56-foot rotor were not compatible with available powerplants. 
The rotor diameter was increased to 60 feet. Divergent speed was held 
above 165 knots by increasing the blade root thickness.  It was not 
necessary to repeat the 0" and V^ optimisation study, as it was essentially 
a rotor figure of merit or profile power optimization, and the change in 
diameter was principally a change in induced power. 
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Figure 73. Rotor V and <r Optimization Jfap, 
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The final configuration resulting from this analysis is a three-blade 
rotor Incorporating the features of the gyro-controlled rigid rotor, as 
well as the design details of the rotor stopping and blade folding 
development m^de. This 33-foot-diameter stopped rotor was tested success- 
fully in the NASA-AIÜS ^0-foot by 30-foot wind tunnel, and will sub- 
sequently be testeo in flight. The basic structural, dynamic, aerodynamic, 
and control characteristics, which were proven during this investigation, 
have been retained and are incorporated in the CRA main rotor design. 

Rotor Blades 

There are two fundamental considerations in the design of the CRA rotor 
blades. The first is that when the rotor is slowed down or stopped in 
flight, centrifugal forces no longer act to stiffen the blades. In this 
case, the blade strength and dynamic properties must permit blade divergent 
speeds of the stopped rotor under gust conditions that satisfy allowable 
velocity requirements. The second consideration is a relaxation of normal 
rotary-wing requirements in that maximum flight speeds as a helicopter are 
not necessary. Problems associated with high Mach tip-speed ratios and 
retreating blade stall are considerably reduced by the unloading of the 
main rotor and by the relatively low speeds required by transition. 

For many years.' it has been customary to design blades for convenience of 
manufacture, resulting in rotor blades having uniform mass stiffness 
distributions. As a result, the second mode natural-flapping frequency 
has been near the 3-per-revolution forcing function. However, the design 
of this blade is such that the second flapwiso- frequency is :Tell above the 
3-per-revolution function without resorting to anti-node weights. The 
relation between the blade natural frequencies and excitation frequencies 
is shown in Figure 7k.    The selected natural frequencies for the significant 
modes of blade motion fall between major excitations,, thus ,avoiding 
resonance effects. Another feature of this rotor design is that the rotor 
energy is sufficiently high that no tip weights are required for auto- 
rotative flare. 

The main rot^r blade is shown in Figure 75- the blade has a constant 
32-inch chord and a linear taper in thickness from an HACA 63A 021 section 
at 20 percent of radius, to an MACA 63A 010 section at the tip. The 
leading edge spar is one continuous piece of stainless steel from the 
spindle to the blade tip. This method of construction eliminates major 
structural joints in the blade. 

Outboard of Station 110, the spar is opened at the rear and a doubling 
channel is added to close the D section. The enclosed area is filled from 
the spindle to Station 270 with polyurethane foam. This foam has a 
density of 8 pounds per cubic foot. Outboard of Station 270, the spar is 
hollow. The aft portion of the blade contour is filled with aluminum 
alloy honeycomb. The trailing edge is laminated of four 0.010-inch stain- 
less steel strips. An outer skin of 0.010-inch stainless steel covers the 
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Figure Jh.    Main Rotor Blade Coupled Frequency Spectrum, 
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entire blade structure. The blaue is balanced about the quarter chord 
point from Station 180 to Station 360 by locating a stainless steel 
balance strip against the inside leading edge of the D spar. This strip 
is safety-secured with nionel rivets near the blade tip. An abrasion 
shield of 0,0^0-inch polyurethane is provided for the leading edge area 
from Station 2H0 to Station 3&0. The root and tip closure ribs are stain- 
less steel and form the cap? to areas which can be filled with ballast for 
finish bly.de balancing. 

The spindle portion of the spar, which constitutes the inner shaft for the 
feathering needle bearings, is threaded on the inboard end for the blade 
retention fixture. This fixture also retains the pitch horn, which is 
splined to the spindle. The proposed rotor design contains only two 
structural joints per blade, and one of these joints is coincidental with 
the feathering bearings. 

The rotor hub structure is a one-piece, tubular shaped, alloy steel 
member. It has a 15-inch inside diameter at the upper end and is reduced 
to a 9-ir.ch inside diameter at the lower end. There, it is attached to the 
rotor drive transmission. This permits the control swash plate and pitch 
control linkage to be mounted integral to the rotor hub. The gyro-drive 
gearbox and swash plate mounts are supported from the upper surface of the 
hub as shown in Figure 66. A flexible oil seal boot is attached to the top 
of the hub to allow the gyro to tilt or precess end also to accommodate 
vertical motion resulting from collective pitch changes. The three-blade, 
pitch change, bellcrank bearing supports are integral with the hub tube 
structure. These bearings also contain rotary oil seals. The lower end of 
the hub interfaces with the transmission at a set of bearings and spline 
fittings that drive the rotor. An annular flange, located on the hub, 
interfaces with the upper end of the transmission to form an oil-seal face, 
and it serves to strengthen the hub at the bellcrank bearings. This flange 
also has a local extending lug that mates with the stopped rotor positioning 
or index pin- which is hydraulically extended up from the transmission 
case. The control system components located inside the hub are lubricated 
by the same oil-circulating system that supplies the transmission. An oil 
pan, located at the bottom of the transmission, also serves as a mounting 
pad for all of the hydraulic actuators. 

Accessibility 

Access to the control system components located within the hub is achieved 
by simply removing the gyro and seal boot at the top of the hub, removing 
the pins at the three gyro control rods, and then removing the gyro gear- 
box. The control support unit and central housing can be lifted- out of the 
hub, exposing the blade pitch bellcranks and the blade-folding hydraulic 
fittings. The lower transmission cover, or oil sump, has a cover plate at 
the bottom to permit access to the swash plate input control linkages. All 
five hydraulic control actuators arc face-mounted to the lower transmission 
case for easy removal. The rotor indexing locx-pin cylinder is an integral 
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part of the transmission, and it would require breaking into part of the 
case for servicing. All other rotor system components are exposed for 
access with the rotor extended, and no special tools or equipment are 
needed for servicing. 

ROTOR FOILING AMD CTCWING SYSTEM 

The stowed rotor concept calls for a vertical lift system that is 
deactivated for vehicle operation as a conventional high-speed fixed-wing 
aircraft. The vertical lift system configuration selected as a result of 
this study is a three-bladed, high-speed, gyro-controlled rigid rotor that 
is stopped in flight and rotationally indexed with a master blade in the 
aft or 36O degree position. The right and left blades are then rotated 
about clevis pins in the blade cuffs, folding aft to the blade-nested 
position. The complete rotor upper transmission, hub, and blade system is 
then pivoted on its support arms so as to lower it into a long compartment 
on top of the fuselage. Forward doors completely cover the retracted rotor 
hub assembly so as to present an aerodynamically clean configuration, as 
shown in Figure 2. 

Various alternate configurations were considered, such HS stopping the 
rotor in flight and attempting to reduce its drag by positioning the blades 
or by extending various fairings up from the fuselage to reduce aerodynamic 
drag. In each case, either the aerodynamic loads or the drag on the blades 
and fairings at high speed become untenable, or the characteristics when 
operated as a helicopter become unacceptable. 

Since the fundamental purpose of the CKA is to achieve high-speed flight 
with a vehicle having helicopter characteristics, the configuration with the 
main rotor system completely stowed was carefully evaluated relative to the 
added complexity and weight of the articulated rotor support, control, and 
drive system with respect to the critical effect on vehicle drag ratios. 
With a rotor that is simply stopped, and the blades folded, the vehicle 
lift-to-drag ratio is about 7-5. With the same rotor stowed in an open 
compartment en  top of the fuselage with the forward portion of the compart- 
ment and rotor hub completely covered with faired doors, the lift-to-drag 
ratio is slightly more than 10.0, in keeping with the aircraft require- 
ments. This configuration will al.low a potential of increased speeds in 
the future, and it is the configuration selected. 

The number of blades used in the main rotor has been studied, and the 
three-bladed system appears to be optimum when rotor mechanical dynamics 
(three blades are polar symmetrical), solidity requirements, and the blade- 
folding geometry are considered. The main rotor folding system is shown in 
Figure 76. 

The sequence for transfer from a helicopter mode to a high-speed fixed-wing 
airplane mode of flight is as follows: 
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• Take-off as a helicopter. 

• Increased forward speed to lUs knots bv gradually decreasing 
rotor collective pitch to zero and increasing propeller thrust. 

• Declutch the drive to the main and tail rotors. 

• Slow down, brake, stop, and position-index the main rotor. 

• Fold the right and left blades aft to a nested position. (The blade 
collective pitch angle is changed from 0 degrees to +23 degrees as 
the blades near the nested position.) 

• Retract the rotor system and close the door fairing, 

e  Increase speed for airplane flight mode. 

The reverse sequence is used to return to the helicopter mode, and the sys- 
tem is fully reversible in either direction. For a more detailed descrip- 
tion of the transition sequence, see Sections 15 and 16, Hydraulic and 
Mechanical Systems. In this system, positive control of the blade pitch 
angles is maintained throughout the folding and stowing operation by loca- 
ting the blade-fold hinge at the axis of the blade horn push-pull rod. 

The rotor hub and folding mechanism is shown in Figure 76. The central 
rotor hub is an integral part of the upper rotor mast, and it consists of two 
flanges which accept the blade retention pins. The blade folding mechan- 
ism consists of a hydraulic rotary actuator, a cable system, cable drums, 
and special blade retention pias for ehe folding blades. Each blade cuff is 
retained by two pins which are located so that the centripetal force 
applied to the cuff lies between them, making load reversal quite infrequent. 

Folding and Unfolding System 

The folding mechanism ±s  located entirely in the upper rotor mast and blade 
cuff areas. This apparatus, shown in Figure 76, consists of a drive 
actuator, a cable system, cable drums, and two rctracting-blade retention 
pins with locks. All motion is actuated hydraulically. 

The drive is a rotary-hydraulic actuator. This system is safety-pressure 
relieved so that, when operating, it will attenuate very large aerodynamic 
loads resulting from gusts. 

Cable drums are located on the cuffs of each of the foiling blades and on 
the actuator assembly. These drums are sectors of circles, as the 
maximum rotation that any of them sees is less than 130 degrees. The 
drums on each of the blade cuffs have grooves for eight cables: four to 
fold the blade and four to unfold it. Fittings are provided to hold each 
cable end to the drums. The actuator drum has grooves for sixteen cable 
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Strands, and it has flat areas aad lugs for locating adjustment fitting«. 
This cable and drum folding arrangement makes only four separate lengths 
of cable act as sixteen individually adjustable tension members, to provide 
simplicity and redundancy simultaneously. 

The cables are 7/32-inch-diameter stainless steel. Each separate cable 
begins vith an adjustable fitting at the blade cuff and runs to the 
actuator drums vhtre it passes through ■*.  stop and another threaded adjust- 
ment fitting, and then goes back to the cuff drum. It then passes around 
a fixture, returns to the actuator drum, goes through another adjustment 
fitting and another lug, and then returns to an end fitting at the cuff 
drums. There are two of these cables for each blade;but sine* they are 
each doubled over, there are actually four independent strands pulling on 
each blade for folding or unfolding. This system is faiVsafe in that two 
of these strands can safely carry nonal folding or unfolding loads. 

The stowed rotor hub is enclosed with a set of doors. These doors extend 
to just aft of the rear beam, where the exposed rotor blades continue aft 
to just forward of the vertical tail. The doors part at the vehicle 
centerline and are double-hinged when open as shown in Figure 77. The 
doors are connected by links to the transmission lift trus» so that the 
doors are opened or closed automatically when tne transmission is moved. 
The aft portion of the \.op of the fuselage is contoured to support the 
nested blades and tu provide an aerodynamic fairing at the aft end of the 
stowed blades. 

The sequence of, and time required for, each operation to stow or extend 
the rotor are as follows: 

Stop Rotor and Stow 

Declutch main rotor to brake activation time 

Brake action to stop and index rotor 

Rotor blades folded 

Rotor, hub, and transmission stowed and 
forward doors closed 

Total 

Extend and Start Rotor 

Unstow rotor 

Unfold blades 

Clutch 

Total 

20 seconds 

15 seconds 

8 seconds 

8 seconds 

51 seconds 

8 seconds 

8 seconds 

**5 seconds 

61 seconds 
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AKTITOR^JE ROTOR 

Counteraction of torque generated by tv.e main rotor is required during 
helicopter mode flight. It is gradually reduced as the vehicle approaches 
transition velocities where the main rotor collective pitch is reduced to 
zero. Vehicle yaw control is gradually transferred to the vehicle's con- 
ventional ruftde#control surface at the same time. These requirements can 
he met with a mriety of devices that are well within the state of the art 
and are reasonably efficient. However, After a study of the good and bad 
features of eafh concept, a conventional tail rotor tonfiguratlott was 
selected as twfc best lompromise of design features. 

. * 
In spite ftf the complejti.ty of the power-driven train associated with' the 
conventiÄial tail »otor configuration, the advantages of development status 
and similarity to Other flight systems sake it tfre more desirable design. 

The size 3*d design specifications for the selected tail rotor system 
were chosen to optimise the following parameters: 

• Controllability and stability through all phases of flight 

• Sower required 

• System weight 

• Development requirements 

• Aerodynamic drag during high-speed flight 

Some of the restraints or desirable requirements of the tail rotor design 
are as follows: 

t>  The maximum diameter is limited by a desire to have sufficient 
ground clearance for a 13.5-degree landing flare-angle clearance 

• Clearance with main rotor and the length of the tail required 

• Blade stiffness to meet divergence speed requirements 

• Tip speeds using gear ratios such that when the main rotor is 
stopped, one blade of the tail rotor will automatically point 
forward 

• Simplicity of locking the flapping axis of the rotor during 
stopped-rotor high-speed flight 

The final selection of tail rotor specifications is as follows: 

• Tall rotor diameter 13*90 feet 

• Rumber of blades h 
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Figure 77. Main Rotor Controls Arrangement 
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• Tip speed 636 feet per second 

• Design rpra 900 

• Tail rotor disc area 1^3 square feet 

• Solidity 0.251 

• Blade chord 16 inches, constant 

• Blade twist 0 degrees 

Tail Rotor 

The trade-off studies conducted to find the optimum tail rotor geometry 
indicated that the necessary control power for the critical condition 
(hover out of ground effect at 6,000 feet, 95°F) could be obtained with a 
minimum horsepower and weight, with a 13.5-foot-diameter four-bladed rotor 
of 0.251 solidity. 

The final selection of a tip speed of 636 feet per second was the result of 
choosing a gearing ra\.io which allowed the tail rotor blades to remain 
aligned fore and aft when the main rotor blades are folded, main rotor 
speed being the Governing factor. 

The planform of the rotor "blades was selected to "be of constant chord, 
16.0 inches wide. The thickness ratio was fixed at 0.10 chord at the tip 
of the blade, linearly increasing to a virtual 0.25 chord at the rotor 
center of rotation. This thickness distribution gives desirable aero- 
dynamic characteristics and also adequate beam depth in the inboard 
portions of the hlade. 

The geometric blade twist was made zero degrees. 

The four blades are arranged with their feathering axis located at 37 per- 
cent of the chord from the leading edge. Both sweep and coning angles 
are zero. 

A rotor configuration comprised of a universally mounted hub with provisions 
for locking the hub to the driving shaft was found to satisfy the require- 
ments, as shown in Figure 78. 

Tail Rotor Accessories and Controls 

The operation of the vehicle with the rotors stopped requires some means 
to assure that the tail rotor remains fixed and in a specific position to 
prevent aeroelastic divergence. The gearing ratio through the drive 
system was selected so that, when the main rotor is stopped and folded, 
the tail rotor blades are oriented one pair fore and aft and the other pair 
vertically. 
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The positive locking of the tail rotor is achieved by the action of a set 
Of flyweights mounted on the rotcr shaft. When the rotational speed of the 
rotor falls below a given value, the flyweights are forced, under the 
action cf springs, to return to a position which prevents the tilting of 
the rotor plane relative to the driving shaft. The fixity provided to 
the. rotor, combined wltlr the elastic properties of Vie rotor itself and 
supporting structure, assures a system which will not diverge aeroelastic- 
*lly. For operatioh in the helicopter flight mode, a system providing 
collective pitch control is installed. 

Kineuatically, the arrangement of the control linkage is set to produce an 
effective deütta-three angle of 1*5 degrees, the pitch arm connection being 
forward of the blade pitch axis. 

Directional Control 

The pilot and copilot are provided with conventional directional con- 
trol pedals which are interconnected. 

A trim and feel mechanism is connected to the linkage near the trans- 
fer mechanism. This consists of a double-acting centering and feel 
spring and an elastic trim actuator. It provides pedal centering, 
artificial feel, and trim. 
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Figure 78.    TJail Rotor Assembly, 
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SECTION 8 

FORWARD THRUST SYSTEM 

The forward-thrust system (propellers, gearboxes, and propeller controls) . 
must satisfy the following design requirements: 

• A diameter of 10 feet is required to satisfy the forward-thrust 
requirement and still provide adequate tip clearance. 

• The gearooxes must be interconnected to provide maximum engine- 
out safety. 

A survey of the field reveals that the XC-l*+2 gearbox is the only one 
presently available which could be applied to the CPA program, 

Hamilton-Standard advises that a new gear ratio, a revised lubrication sys- 
tem for inverted operation, a cross-shaft drive modification, and two new 
mounts can be added to the present XC-1^2 gearbox within the allotted time, 
span. This gearbox, therefore, has been considered for application to the 
CRA as an alternative to the design of a new gearbox. 

The XC-l*v2 gearbox and four-bladed propeller hub are integral, and modifi- 
cation to incorporate only three blades, if desired, would be extensive. 
The CRA, therefore, also incorporates four blades. Available propeller 
blade designs include optimized blades built on an AH-56A propeller core, 
or modified AH-56A propeller blades. The XC-1^2 propeller cannot be con- 
sidered because its diameter is far too great for application to the CRA. 
The AH-56A blades are designed for a lower speed range than the CRA, and 
the propeller efficiency with AH-56A blades would be about 10 percent 
lower than i\  would be with blades specifically designed to provide opti- 
mum performance. Hamilton Standard advises that new design blades can be 
made available within the allotted time span; therefore, the CRA 
incorporates new design optimized blades. 

A propeller control system currently available which could be adapted to 
the CRA is the XC-1^2 control system, which is manufactured by Ling-Temco- 
Vought (LTV). Thi3 firm has agreed to supply unmodified control system 
components, but modification costs and timing are not presently available. 
In addition, Hamilton Standard has available the control system for the 
X-22 aircraft and a modified X-22 propeller control system could be made 
available for the CRA within the allowable time span. 

PROPELLER BLADES 

The proposed propeller blades are a steel-core, foam-filled fiber glass 
shell design with a steel, integral ball-race shank. The diameter is 
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10 feet, and the blades have an activity factor of 120 and an integrated 
design lift coefficient (C^i) of 0.33, resulting in a maximum efficiency 
of approximately 88 percent. 

Steel-core fiber glass shell blades have been found to be very durab.1 e in 
damage-resistance tests. Leading-edge reinforcements, such as plating, 
can improve the damage, corrosion, and erosion resistance of these blades 
to better than that of steel or aluminum blades. Severe stone nicks and 
scratches in steel and aluminum blades cause stress concentrations, from 
which dangerous fatigue cracks can start if these defects are not removed. 
The fibers in fiber glas3 construction act as crack stoppers when severe 
nicks occur. Therefore, fatigue cracks resulting in blade failure are 
confined to the steel core, which is protected from nicks and scratches, 
rendering the possibility of such failure much more remote than for steel 
or aluminum blades. 

HUB AHD GEARBOX 

The propeller hub and gearbox proposed for the CM comprise a single 
integrated assembly. This assembly is currently used on the XC-1U2 experi- 
mental VTGL aircraft. The XC-1^2 gearbox is fully qualified and has 
aceuuulmted 800 hours of flight test use with an excellent service record. 

The hub is designed and constructed in such a manner that the blades and 
pitch change mechanism can be removed as subassemblies, greatly facili- 
tating propeller maintainability. The XC-lte pitch-change actuator is 
included with the hub and gearbox assembly. 
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PART U 

WEK2TT AND BALANCE 

SECTION 9 

ESTIMATED WEIGHT REPORT 

This section contains an estimated weight report prepared in accordance 
with MJL-H-251^0 (ASG). The weight data shown in Figures 79 and 80 are 
representative of the Model CRA optimum vehicle only, and no allowance la 
made for the use of off-the-shelf equipment where the use of such equip- 
ment wculd involve a weight penalty. Also not included are optional 
installations «neb. as the engine air induction filter system or special 
installations "or use during the test program such as ejection seats or 
test instrumentation. 

Since the weight allowances specified in the contract have been used for 
avionics, armor, auxiliary power unit, and furnishings and equipment, 
detailed weight and balance data for these groups are not included. 

The composite aircraft operates in two distinct modes of flight (helicopter 
and airplane), and its balance characteristics must be such that struc- 
tural and stability limits will be observed during both modes and during 
transition from one mode to the other. Retraction of the rotor causes a 
rearward movement of the center of gravity of about 5 inches at 23,000 
pounds gross weight, and this determines the location of the wing. Landing 
gear retraction causes only a very minor forward movement of center of 
gravity. (See Tables XI, XII, XIII, XIV and XV.) 

The center-of-gravity travel diagram (Figure 8l) shows that the center-of» 
gravity envelope for each mode of operation is well within the appropriate 
limits. Good flexibility in the location of the payload within the cargo 
compartment is apparent. For example, half of the total design payload 
may be placed in the forward half of the compartment with none in the rear 
half. The equivalent composite location of smaller or greater quantities 
allows for considerable latitude in the placement of various payloads. 
No fuel management i* required, and operation will be within the envelopes 
shown with one or two crew members. 
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TABLE   H.     WEICHT AKD BALANCE SUMMARY 

* 

> 

Weight 
(lb) 

Center of Gravity 

Horizontal          Vertical 
Arm (in.)           Arm (in.) 

* 
Weight Empty - Gear Down 17,961 257.0                    122.8 

Gross Weicht 

Helicopter Mode - Gear Down 24,500 257.1                   119.7 

Airplane Mode - Gear Down 24,500 261.9                   115.1 

1 Extreme Fwd C.G.  Condition 

Helicopter Mode - Gear Up 20,000 250.4                   119.9 

1            Airplane Mode - Gear Up 20,000 256.2                  114.4 

Extreme Aft C.G.  Condition 

Helicopter Mode - Gear Down 21,300 258.8                  124.6 

Airplane Mode - Gear Down 21,300 264.2                  119.4 
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TABLE HI. GROUP WEICHT AND BALANCE SUMMARY                             1 

Item 
Weight 
(lb) 

Horizontal 
Arm (in.) 

Vertical 
Arm (in.) 

Rotor Group 2150 21+9.1 180.1 

Wing Group 1540 284.1 I36.O 

|       Tail Group 611 682.6 198.7 

Body Group 3046 21+9.2 92.4 

Alighting Gear Group 889 246.4 47.1 

Flight Controls Group 1010 273.4 141.0 

Nacelle Group 804 266.8 108.4 

Propulsion Group 5361 267.4 124.8 

Auxiliary Power Plant 150 45.0 80.0 

♦Instruments Group 178 138.6 109.2 

1     *Hydraulics Group 181 240.0 116.5 

♦Electrical Group 524 114.2 90.8 

Electronics Group 900 106.0 113.0 

Armament Group 300 164.0 103.0 

♦Furnishings & Equipment Group 262 144.3 102.7 

♦Air Conditioning Group i>5 110.0 122.7 

WEIGHT EMPTY, GEAR DOWN 
AND ROTOR EXTENDED 17961 

CONTRACT WEIGHT ALLOWANCES: 

Electronics 900 

Armor 300 

Auxiliary Power Plant 150 

♦Furnishings & Equipment 1200 

257.0 122.8 
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TAKLE Uli. GROSS WEIGHT BALANCE 

Weight   Horizontal   Vertical 
Item (lb)    Ana (in.)   Arm (in.) 

HELICOPTER MODE 

Weight Empty - Gear Down 17,96l    257.0      122.8 

Pilot 20C     100.0       100.0 

Copilot 200     100.0       100.0 

Oil - Including Unusable 119    268.3      122.0 

Unusable Fuel 20    266.0      136.0 

Payload 3,000    256.O       86.0 

Fuel 3,000    279-4      137.0 

Gross Weight - Gear Down 24,500    257,1      119.7 

Gear Retraction (Table VIl) 

Gross Weight - Gear Up 24,500    ?57.0      119-9 

AIRPLANE MOEE 

Gross Weight (Helicopter) - 24,500    257.1      119.7 
Gear Down 

Rotor Retraction (Table VIII) 

Gross Weight - Rotor Stowed 24,500    261.9      H5.1 

Gear Retraction (Table VTl) 

Gross Weight - Rotor Stowed 24,500    261.7      115-4 
and Gear Up 
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TABLE UV. EXTREME FORWARD CENTER-OF-GRAVITY OGHDIT3DH     1 

Item 
Weight 
(lb) 

Horizontal 
Arm (in.) 

Vertical l 
Arm (in.) 

HELICOPTER MODE 

Weight Empty - Gear Down 17,961 257.0 122.8 

Pilot 200 100.0 100.0 

Copilot 200 100.0 100.0 

Oil - Including unusable 119 268.3 122.0 

Unusable Fuel 20 266.0 136.0 

Payload - Forward Cargo Compt. 1,500 211.5 86.0 

Extreme Forward G.G. - Gear Down 2030OO 250.5 119.6  1 

Gear Retraction (Table VII) 

Extreme Forward CG. - Gear Up 20,000 250. k 119.9 

AIRPLANE MODE 

Extreme Fwd. CG. (Helicopter) - 
Gear Down 

20,000 250.5 119.6 

Rotor Retraction (Table VIII) 

Extreme Fwd. C.G. - Rotor Stowed 20,000 256.3 llU.l 

Gear Retraction (Table VII) 

Extreme Fwd. C.G. - Rotor Stowed 
and Gear Up 

20,000 256,2 11M 1 
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T1BLE IV. EXTREME AFT CENTER.OF-GRAVITY CONDITION 

Item 
Weight   Horizontal   Vertical 
(lb)    Arm (in.)    Arm (in.) 

HELICOPTER MODE 

Weight Empty - Gear Down 

Pilot 

Oil - Including Unusable 

Unusable Fuel 

Fuel 

Extreme Aft CG. - Gear Down 

Gear Retraction (Table VII) 

Extreme Aft O.G. - Gear Up 

17,961 257.0 

200 100.0 

119 268.3 

20 266.0 

3,000 279. ^ 

21,300 258.8 

21,300 258.6 

122.8 

100.0 

122.0 

136.0 

137.0 

12»*. 6 

124.9 

AIRPLANE MODE 

Extreme Aft CG. - Gear Down     21,300    285.ü      124.6 

Rotor Retraction (Table VIII) 

Extreme Aft CG. - Rotor Stowed   21,300    264.2      319.4 

Gear Retraction (Table VII) 

Extreme Aft CG. - Rotor Stowed   21,300    264.1      119.7 
and Gear Up 
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SECTION 10 

SUFFUMFHTAKY WEIGHT DATA 

/ARIATIONS FROM OPTIMJM DESIGN 

The weight effects of certain variations in the optimum design 
configuration are shown in Tahle 171.  These include alternate design 
criteria, alternate components, optional installations, and certain 
installations required for the test program only. 

:5,UIPMEHT WEIGHT ALLOWANCES 

The weight allowances for equipment as specified in the work statement of 
-he contract were used for derivation of the empty weight for the optimum 
iesign configuration. 

T1BL1 m. WEIGH! VARIATIONS FROM OPTIMJM DESIGN CONFIGURATION 

i                    Item 
Weight 
Change 

Increases in Weight Empty 

Nose landing Gear - C-1^0dual-wheel design 
in lieu of single-wheel alternate design + 68 

Crew Seats - downward ejection in lieu of non- 
ejection installation +213 

Air Induction Filter System + 80 

Decreases in Weight Empty 

Wing - 1+0-foot span in lieu of 50-foot span -1^5 

Reduced Load Factor'- design limit load factor 
for fixed-wing mode reduced from k.5 to 3.0 - 92 
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PART 5 

STABILITY, CONTROL, AND FLYING QUALITIES 

SECTION 11 

FLIGHT CONTROL SYSTEMS 

The primary flight control systems enable the pilots to control the aircraft 
in all the modes of flight using the same cockpit controls. These con- 
trols are of the same types as those used by ether helicopters and air- 
planes. Maximum safety and reliability are obtained through the use of 
dual separated mechanical systems and dual tandem hydraulic actuators. 
Power for the actuators is provided by two physically separated hydraulic 
systems. Each system is powered by a pump driven off the main propulsion 
drive shaft. Either system is adequate to control the aircraft. In the 
airplane mode, the pitch of both propellers is controlled by a single 
propeller governor. In the helicopter mode, the propeller pitch is con- 
trolled manually with two levers on the center console. 

When the aircraft is flown in the helicopter mode, the airplane controls 
are deactivated, and the operation is the same as that for other 
helicopters. 

Deactivation of the airplane controls reduces the breakout friction forces 
to a level suitable for helicopter flight. 

At the beginning of a transition, after the aircraft has been brought to 
the transition speed and attitude and trimmed there, the controls are 
transferred from helicopter mode to airplane mode. This involves activating 
the airplane controls and deactivating the helicopter controls. The heli- 
copter controls are deactivated to remove the artificial feel from the 
controls for airplane flight. This also makes the airplane controls inde- 
pendent of hydraulic pressure. The mechanism used for transferring the 
controls gradually shifts over the controls from one mode to the other so 
that the transition is made smoothly and without discontinuity. This 
mechanism can be replaced with another mechanism which operates the heli- 
copter controls and the airplane controls simultaneously so that this con- 
figuration can be evaluated. For the research vehicles, the transition 
from flight in the helicopter mode to flight in the airplane mode and vice 
versa has been broken down into a number of separately controlled steps to 
facilitate the recording of flight test data. It is expected that an 
operational aircraft would be designed so that this transition would be 
controlled automatically and result from a single pilot input. Then the 
rotor is stopped, the blades are folded, and the rotor is stowed. 

After the transition, the aircraft is flown in the same manner as a fixed- 
wing airplane with type I mechanical controls and aerodynamic balances. 

187 



The pilot's and copilot's control sticks operate the longitudinal and 
lateral controls for both modes of flight. The rudder pedals operate the 
directional controls for both modes of flight. The collective levers are 
used only for vertical control in the helicopter mode. 

Because of the downward ejection escape system, the pilot's control sticks 
are mounted on four bar linkages which give the required stick movement 
without a true pivot. The linkages include push-pull rods which are 
spring-loaded to shorten themselves and thus pull the sticks forward out 
of the pilot'8 way. This action is initiated by cables attached to the 
nDn rings of the seats. These cables release latches which normally main- 
tain the rods at full length. 

BOTAKY-WIMG FLIGHT CONTROL SYSTiM 

In the helicopter mode, the propeller blades are in the zero thrust 
position, and the aircraft is controlled in the same way as other heli- 
copters. Below the transition speed, forward flight can be accomplished 
with the rotor, and maneuvers can be accomplished in the same manner as 
for other helicopters. The pilot also has the choice of using the 
propellers to obtain thrust for forward flight. 

The pilot's procedure for entering autorotation is dependent upon the speed 
at which power failure occurs. At speeds up to 100 knots, transition to 
autorotation is similar to that of other helicopters. 

At speeds between 100 and lUO knots, the propellers can be used to extract 
energy from the passing airstream and thus minimize rotor speed decay. 
Decreasing the propeller pitch accomplishes this. 

The mechanism used for transferring the cyclic and directional controls 
from the helicopter mode to the airplane mode consists of a linkage with a 
single input and two outputs. When the shifting mechanism is in the 
helicopter position, the helicopter output responds to any input, and the 
airplane output remains fixed. As the shifting mechanism is moved by an 
electric actuator from the helicopter position to the airplane position, 
the helicopter output motion decreases and the airplane output motion 
increases proportionately. 

When the shifting mechanism is in the airplane position, the airplane 
output responds completely to any input, and the helicopter output remains 
fixed. When shifting from the airplane controls to helicopter controls, 
the reverse is true. At no time is either set of controls disconnected 
from the cockpit. Provisions will be made in the research vehicles so that 
these mechanisms can be replaced by other mechanisms that will allow both 
the helicopter controls and the airplane controls to be operated simul- 
taneously. When the aircraft is parked, the controls are transferred into 
the helicopter mode, and the mechanisms act as control surface locks. 
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The same mechanism is used in the collective control system, but in that 
application it has two inputs and one output. The pilot's input is used 
for flight in the helicopter mode. An electric actuator is used for the 
other input. It provides the correct amount of collective control move- 
ment to allow the >< lades to overlap when folded. 

HELICOPTER CONTROLS 

Main Rotor Controls 

The cyclic control system is similar to the control systems on other rigid- 
rotor helicopters. The pilotTs cyclic stick controls the rotor blade 
pitch through a control gyro. This gyro is mounted in the rotor hub above 
the blades. It is driven at 6600 rpm by a two-stage planetary gear train 
from the main shaft. The high speed at which the gyro runs increases its 
effectiveness, so that it can be lighter in weight and smaller in size. 

The hydraulic actuators are all located on the lower part of the trans- 
mission housing. Since the rotor retracts into the fuselage, the control 
linkages provide for this movement. 

To establish an understanding of the operation of the cyclic control 
system, it is appropriate to outline the sequence of events which occur 
following a pilot input: 

• Assume that the pilot pushes the cyclic stick forward one inch. 

m       The valve on the boost cylinder is displaced and the boost 
cylinder compresses the longitudinal spring to apply a rolling 
moment to the swash plate. 

• The rolling moment is transferred to the gyro swash plate through 
the parallel linkage and causes the control gyro to develop a 
precession rate in the nose-down direction. The gyro displace- 
ment is not hindered by the spring in the lateral control system 
because the force in the lateral compensating actuator balances 
the effect of the spring. 

• Displacement of the gyro with respect to the rotor shaft produces 
a cyclic feathering of the blades about their feathering axes 
with the blade pitch decreased on the right side and increased on 
the left side. 

• The cyclic pitch produced by the gyro displacement causes the 
rotor blades to flap down in the 130-degree azimuth position and 
up in the O-degree azimuth position. 
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• A nose-down hub moment is developed by the rotor flapping which 
accelerate« the helicopter nose-down until the airframe rate of 
pitch is equal to the rate of precession of the gyro. 

• When the aircraft has pitched nose-down to the attitude the pilot 
desires, he then returns the control stick to neutral, thus 
relieving the servo load on the gyro and stopping its rate of 
precession. 

• As the gyro ceases to precess, the vehicle ceases to pitch and 
remains in a nose-down attitude while it accelerates into forward 
flight. 

• A reversal of the process will bring the aircraft hack to hover. 

The cyclic systems are provided with feel springs at the stick and trim 
systems between the boost cylinder and the swash plate. The trim systems 
consist of springs attached to linear electromechanical actuators which are 
controlled by switches on the cyclic stick. Wi^ch these systems, the pilot 
can balance any moments applied to the gyro by blade bending moments 
«cting through the forward blade sweep. The trim systems are effective 
with boost on or off. 

The collective pitch system consists of conventional collective pitch 
sticks fer both the pilot and the copilot. These eticks operate a dual 
hydraulic actuator which raises and lowers the swash plate and gyro in a 
collective mode. The linkages between the collective sticks and the 
actuator ere duplicated, and the hydraulic actuator is operated from two 
separata transmission-mounted hydraulic pumps. An adjustable friction 
device and a feel-spring cartridge are included to provide optimum feel 
characteristics in the system. 

Directional Control 

The directional control system consists of adjustable rudder pedals for 
both the pilot and the copilot, a dual hydraulic actuator at the tail 
rotor, and linkage for moving the tail rotor blades in collective pitch. 
The linkage between the pedals and actuator is duplicated, and the 
actuator is operated by two separate transmission-mounted hydraulic pumps. 
The trim and feel system on the pedals is similar to that on the cyclic 
Stick. 

FIX5)-VIJG TOgg COHTROL SYSTSM 

In the airplane mode, the main rotor is stopped and stowed, and the air- 
craft is controlled in the same manner as a conventional fixed-wing 
airplane. 
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Longitudinal Control System 

Longitudinal control is provided by a stick in the cockpit and a positive 
mechanical system which controls an aerodynamically balanced elevator. 
The system incorporates a 12-pound dovmspring to provide fre<» control 
stability at the aft center-of-gravity limit. The aerodynamic balance 
consists of a round nose balance and a 1:1 geared trailing edge tab. The 
geared tab is also used as a trim tab. The trim tab is a mechanically 
adjustable tab which holds a given setting by friction. The horizontal 
stabilizer has two incidences; a zero incidence for all flights in the 
airplane mode except landing, where a 6-degree nose-down position can be 
selected. 

Lateral Control System 

Lateral control is provided by a stick in the cockpit and a positive 
mechanical system which controls an aerodynamically balanced aileron. The 
aerodynamic balance is a Frise-type balance which is designed so that it 
provides a favorable yawing moment when the ailerons are deflected. The 
ailerons are equipped with a trim tab which is mechanically adjustable and 
holds a given setting by friction. 

Directional Control System 

Directional control is provided by rudder pedals and a positive mechanical 
system which controls a rudder. The rudder does not require an aero- 
dynamic balance. Trim is provided by a trim tab on the rudder which is 
mechanically adjustable and holds a given setting by friction. 

TRANSITION CONTROLS 

At the beginning of a transition, after the aircraft has been accelerated 
to transition speed and level attitude and has been trimmed, the controls 
are transferred gradually from helicopter mode to airplane mode. This 
involves activating the airplane controls and deactivating the helicopter 
controls. 

The mechanism used for transferring the cyclic controls from the helicopter 
mods to the airplane mode consists of a linkage with a single input and 
two outputs. When the shifting mechanism is in the helicopter position, 
the helicopter output responds to any input, and the airplane output remains 
fixed. As the shifting mechanism is moved by an electric actuator from 
the helicopter pDsition to the airplane position, the helicopter output 
motion decreases and ths airplane output motion increases proportionately. 
When the shifting mechanism is in the airplane position, the airplane 
output responds completely to any inpu^, and the helicopter output remalas 
fixed. When shifting from the airplane controls to helicopter controls, 
the reverse is true. At no time is either set of controls disconnected 
from the cockpit. 
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The same mechanism is ueed in the collective control system, hut in this 
application it has two inputs and one output. The pilot's input is used 
for flight in the helicopter mode, An electric actuator is used for the 
other input. It provides the correct amount of collective control move- 
ment to allow the blades to overlap when folded. 

Wing Flap Control System 

The wing flaps extend or retract at a fixed rate in response to three- 
position, momentary-contact switches located on the collective levers. An 
asymmetry detection system is provided to sense any asymmetrical condition 
in the flaps and to light a warning light in the cockpit. 

Rotor Stopping Control System 

When transition speed has been reached, when the aircraft flight controls 
have been changed from helicopter mode to airplane mode, and when the 
rotor system has been declutched from the engines and allowed to slow to 
50 percent of speed, the rotor may be Btopped by engagingthe rotor-stopping 
control system. The stopping system is engaged by operating the brake 
•witch located on the center console in the cockpit to the "Brake On" 
Position. After the switch has been operated, the rotor system is auto- 

5 matically controlled to stop the rotor at the precise position necessary 
to permit folding of the blades. 

As the main rotor speed decreases and as the gyro loses its effectiveness 
to control the feathering angle of the rotor blades, two rotor blade pitch 
bias actuators, which normally act as gyro nutation dampers, become 
increasingly effective to control blade feathering angles. 

Rotor Blade Pitch Bias System 

The bias actuators are controlled by an aerodynamic vane located on the 
left wing tip of the aircraft. The vane is conned ed to the bias actuators 
by a system of levers, links, and cables, and is Held in a mid-stroke 
position. The bias actuators hold the rotor blades at zero pitch. If the 
aircraft encounters a gust while the rotor is decelerating, accelerating, 
or stopped, the vane senses the adverse airflow and automatically causes 
the bias actuators to change rotor blade pitch in the proper direction to 
reduce the rotor blade load. In the helicopter mode, the rotor blade 
pitch bias actuators act as gyro nutation dampers. 

PROPELLER COWTROLS 

Forward thrut- is provided by two propellers located on nacelles on the 
wings and interconnected by the cross shaft. The propeller pitch can be 
controlled manually or it can be controlled automatically by the propeller 
governor. Two levers are located on the right side of the center console 
for controlling propeller pitch. These are used for taxiing the aircraft. 
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for accelerating from hover to transition speed, and for decelerating 
from transition speed. 

A control wheel is located on the extreme right side of the center console 
for controlling the propeller governor. A single propeller governor con- 
trols the speed by adjusting the pitch of both prc.>ellers to fit the power 
level established for the engines and the forward speed of the aircraft. 
Advancing the control wheel from the "Off" position activates the propeller 
governor and deactivates the engine governors. 

Propeller governing is used for flight in the airplane mode and for taking 
off and landing as an airplane. At the same time that the propeller 
governor is activated, a low-pitch stop is engaged in each propeller to 
keep it from going into flat pitch during flight in the airplane mode. 

The propeller control levers are connected to the propeller control by 
cable systems. The output of the propeller governor is carried through a 
separate torque tube to each propeller control mechanism. 
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SECTION 12 

STABILITY AMD CONTROL ANALYSIS 

This section contains the analytical work which is used to substantiate 
the compliance of the CRA with all pertinent stability and control require- 
ments. The discussion of the compliance with specific requirements is 
presented in the Compliance With Requirements part of this section. 

HELICOPTER M3DB 

Longitudinal Characteristics 

Longitudinal Static Stability 

The longitudinal static stability of a helicopter from the pilot's 
standpoint is measured by the change of stick position and stick force 
required to change .forward speed. The stick position will change as 
a function of forward speed for two reasons: (l) it is related to 
the gyro position which is related to the cyclic pitch required to 
trim, and (2) it is related to the forces required to balance out 
external moments acting on the gyro. 

The longitudinal stick position for the CRA as a function of forward 
speed, center-cf-gravity position, and flight condition has been com' 
puted using the outputs of the IBM computer trim program for cyclic 
pitch and feedback moments and the geometry of the control system. 
The results of these calculations are shown on Figure 82. The stick 
force gradient which was used to calculate the force is 2 pounds per 
inch. Rote that Figure 82 shows that the stick position and force 
are stable in both the helicopter regime and the compound aircraft 
regime. 

Longitudinal Dynamic Stability 

The dynamic stability of the CRA has been analyzed with an analog 
computer vhlch solves the equations of motion of the helicopter and 
the control gyro. The computer has been used to generate time his- 
tories of the response of the aircraft following control inputs and 
simulated gust disturbances. 

The equations of motion which are used in the analog computer and the 
methods of evaluating the coefficients of the equations are presented 
in Reference 11. 

A systematic study of the response of the CRA to control step and 
pulse Inputs has been made. Figures 83 through 85 show time history 
responses to longitudinal step control inputs at 0 and 80 knots. Fig- 
ure 86 shows a corresponding response to a 1-inch, 1/2-second, longi- 
tudinal control pulse. 
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Figure 85. Response to a 1-Inch longitudinal Step 
input, 60 Knots, Forvard Center of Gravity. 
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A study of the analog computer traces of Figures Ok  and 85 shows that 
there is little difference in the characteristics of the responses us 
a function of center-of-gravity position. This lack of difference is 
the r. ilt of the fact that the longitudinal and lateral dynamics of 
rigid-rotor helicopters are primarily influenced by the rotor stiff- 
ness, the gyro characteristics, and the moment of inertia of the fuse- 
lage and only secondarily by the changes in forces acting on the 
vehicle. 

Longitudinal Control Power and Damping in Hover 

The control powtsr and damping in hover can be approximated from a 
consideration of the gyro and the forces which act on it. The control 
system is essentially a rate system; but the blade sweep forvard gen- 
erates a feedback moment on the gyro, as explained in the controls 
description, which changes its characteristics to a pseudo-displacement 
system. This fact can be used to calculate the rotor moment generated 
by a 1-inch stick displacement with the rotor shaft fixed in space. 
For the CRA, the gyro rolling moment is 166 foot-pounds per inch of 
fore and aft stick displacement. 

The damping can be derived by noting that, at the condition for a 
steady pitch, the rate of pitch is equal to the rate of precession of 
the gyro and that the precession rate of the gyro is produced by the 
rotor moment acting through the blade sweep forward. For the CRA, the 
damping in pitch is -31,500 foot-pounds/radian/second. 

The calculated values and the requirements for control power and damp- 
ing from MIL-H-85OIA can be plotted on the stability map of M^/l and 
C/I of Figure 85. 

lor th« CRA at the overload gross weight of 28,000 pounds, the require- 
ment of peragraph 3.2.13 of MIL-H-85OIA is 1.6l degrees of pitch in 
the first second following a 1-inch longitudinal stick displacement. 
This requirement can be incorporated in an expression between control 
power and damping by solving a one-degree-of-freedom system which 
results in the equation for pitch displacement of 

6> ;.4(.*-o ;D 

For 6 =  1.61 degrees, the corresponding plot of M/l vs C/l is shown on 
Figure 87. The requirement for C/l is based on paragraph 3.2,1k  of 
MIL-H-85OIA. For the overload weight of 28,800 pounds, the require- 
ment is -20,550 foot-pounds/radian/second. This has been divided by 
the inertia in pitch and plotted on Figure 87. The actual control 
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power of the CRA produces the capability of a displacement of 2.3 
degrees in the first second as shown on Figure 83. It may be seen 
from Figure 87 that the CRA satisfies the MIL-Spec requirements. 

Longitudinal Trim Capability 

The longitudinal trim system has been designed to balance an external 
svro moment of 1000 foot-pounds. The highest center-of-gravity offset 
shown in Figure 8l results in a pitching moment, *% of 17,000 foot- 
pounds. This results in a gyro moment of only 611 foot-pounds. Thus, 
the trim system can balance moments due to the highest operational 
center-of-gravity offsets and have a large margin for aerodynamic 
moments acting on the helicopter. 

Maneuvering Stability 

The longitudinal maneuvering stability as measured as s£ick force per 
g has been calculated by adding the bob-weight effect of 9 pounds/g 
to the force generated by the feel springs per g. The latter contri- 
bution was found from the analog results for one-inch step control 
inputs of Figures 8U and 85 for the fore and aft center-of-gravity 
positions by the following equation: 

(2] 
AF   2 

Figure 86 shows the results of this study. 

Lateral Characteristics 

Lateral Stick Position as a Function of Sideslip Angle 

The lateral stick position in forward flight has been computed by a 
procedure similar to that used for the longitudinal case. The effect 
of sideslip is to rotate the cyclic pitch orientation in the direction 
Of the flight path and to produce a rolling moment due to wing dihe- 
dral. These effects have been used to compute the lateral stick 
position plotted in Figure 89. Figure 90 shows the dihedral effect 
as measured in the wind tunnel. 

Response to Lateral Control Input 
--' ■■ ■■——————   ~'—      

The analog computer was used to investigate the response to lateral 
control step and pulse Inputs. Figures 91 and 92 show the response 
to step inputs at hover and at 80 knots. As in the case of the res- 
ponse to longitudinal inputs, there is little difference in the res- 
ponses as a function of speed. Figure 92 shows that there is little 
yaw for the first 2 seconds of a rolling maneuver. Figure 93 shows 
that the response to a roll pulse in forward flight is highly damped. 
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Lateral Control Power and Damping in Hover 

The analysis of lateral control power and damping in hover is identical 
to the longitudinal analysis. The lateral damping due to the rotor 
and gyro is identical to the longitudinal damping or -31,500 foot- 
pounds/radian/second- This compares to h  requirement of -25,600 foot- 
pounds/radian/second based on the requirements of MIL-H-85OIA. The 
lateral control power is I.58 times the longitudinal control power, 
since the control system is designed to produce 262 foot-pounds of 
moment on the gyro for 1 inch of lateral stick input compared to 166 
foot-pounds-for 1 inch of longitudinal stick input. Thus, the lateral 
control moment is 1.58 x 52,1+00 or 82,600 foot-pounds per inch of 
stick displacement. 

The damping and control power in roll have been plotted on the sta- 
bility map of Figure 9h  along with the MIL-Spec requirements. It may 
be seen that the CRA exceeds the requirements. For this case, the 
requirement for roll displacement in the first half second is O.97 
degree» but the CRA has the capability of 1.6 degrees in the first 
half second. 

Directional Characteristics 

Pedal Position and Force as a Function of Speed 

The pedal position is directly related to the tail rotor collective 
pitch through a mechanical linkage. The tail rotor collective pitch 
is one of the outputs of the digital computer performance and trim 
program. Figure 95 shows the pedal position as a function of speed. 

Pedal Position and Force as a Function of Sideslip Angle 

The directional stability of the CRA was measured during the wind 
tunnel tests described in Reference 1. These results are plotted in 
Figure 96 and have been used to determine the tail rotor collective 
pitch required to trim in sideslip at various speeds. A  plot of the 
results is presented in Figure 97. 

Sideward Flight 

In sideward flight, the tail rotor must produce enough thrust to 
balance the aerodynamic moment on the fuselage as well as the »vain 
rotor torque. The fuselage moment on the CRA in sideward flight has 
been estimated by replacing the fuselage side elevation by a simpler 
one made up of flat-plate rectangles and trspezoids, and summing the 
moment due to each by integration. 

using a simplified side view, the expression for the fuselage yawing 
moment is 
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Using a drag coefficient of 1.0, the moment is 

M,,  -  U?86q (M 

The thrust required of the tail rotor in sideward flight is 

T      Q + h?86q 
TR 

«TR 
(5) 

The torque, Q,, of the main rotor has been calculated and is shown as 
a function of velocity in Figure 98. Figure 99 shows the thrust 
capability of the tail rotor at its maximum collective pitch setting 
of 26° as a function of sideward flight velocity, along with the 
thrust required of it. It may be seen that a sideward velocity of 
60 knots can be achieved. 

Hovering Turns 

Hovering turns over a spot in calm air or in winds may be studied by 
use of the single-degree-of-freedom equation for yawing motions: 

1 initial (6) 

The solution for a pedal kick from initial equilibrium is 

4,  = 
14initial   { t - 

ft 
e   Z       -  1 (7) 
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where 811/84» is the damping in yaw due to tooth the fuselage and the 
tail rotor. The tail rotor's contribution was found by using the 
Hovering and Vertical Flight Computer Program to calculate tail 
rotor thrust over a range of sideward flight velocities for fixed 
values of collective pitch. The values of tail rotor thrust so 
obtained were plotted against sideward flight velocity. The slope of 
this curve is 8T /9V, which determined the tail rotor yaw damping: 

i—\ 
WTR 

1 T 8V 
:s) 

The tail rotor damping is -25,060 foot-pounds/radian/second. 

The contribution of the fuselage and vertical tail was calculated 
using the simplified fuselage side view. The general equation for 
the yawing moment of the fuselage and tail in sideward flight with 
concurrent yawing is 

Hf   = Wv8*+«: 

V 

J'ffvd 

i (m .y\ 2 WI   «P ) 

<Vs + + £) f 

|vB + +«l I 

Hdl 

- 1 PCD  | V 

2 (lirJ) 
tdt 

"* (|i|tV+) „ 

+ -pcr 
(v3 -^) 

-4,j| haft< s 2d« (*) 
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where V3 is the sideward flight velocity or equivalent wind velocity 
during hovering.  In still air (Vs = 0), only the first and fourth 
integrals exist, since there is no i region between 0 and Vs/4».  In 
this case, for the particular simplified fuselage sideview described 
above, 

K   -    - T- pc,  TT7   /    loM'■«- d* 
i r. Li    iv* |      / 

■i«Al 
..25 

L^hii-Z2 d£ 

2,3 _ r 
(11.7 - 0.27^)4^    d£ 

"i pcr jii ^--;3 (°8) (1-J 

This equation reduces to 

Kf = - i?Joe^ (il) 

so that tne yaw damping of the fuselage and vertical tail is 

MJt. 

It -  -1-:1-^ (12) 

To obtain a. conservative solution» this is evaluated at d/ -  0.5 radian/ 
second 
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3N 
—r— = - 5C06 foot-pounds/radian/second (13) 

Thus, the total yaw damping in hover is -30,066 foot-pounds/radian/ 
second. The yawing moment created by a sudden displacement of the 
rudder pedals is given by 

■\*o    3X
PV »initial    ■    «m(lif™2xJ W 

The pedal gearing in the CRA is such that 96 /8X =6.14 degrees/inch. 

The value of 8TTR/860 obtained from the computer data mentioned 
earlier is 258 pounds/degree. Using these values, the yawing moment 
caused by a 1-inch pedal displacement was determined to be 56,200 
foot-pounds« When this yawing moment and the yaw damping are sub- 
stituted into the equation for ^, the fuselage yaw angle 1 second 
after the pedal kick is found ,0 be 5.0 degrees at an overload gross 
weight of 28,800 pounds (l%  = 98,716 slug-ft2}. At a minimum flight 
weight of l8,400 pounds (l£ = 91,400 slug-ft2), the corresponding yaw 
angle is 16.0 degrees. For the case of the normal gross weight, the 
requirement of paragraph 3-3.5 of MIL-H-85OIÄ specifies a displace- 
ment of 3.7 degrees at the end of the first second. 

In Figure 99? it can be seen that the tail rotor is capable of creat- 
ing a thrust of 2100 pounds, which produces a yawing moment of 74,500 
foot-pounds, over and above the amount necessary to balance all mom- 
ents while hovering in still air at an overload gross weight of 28,800 
pounds. A  full pedal displacement in hover will result in en initial 
yawing moment of like amount. The corresponding yaw displacement 
after 1 second is 19.6 degrees, and the requirement from MH-H-85OIA 
is 11.1 degrees. 

The yawing displacement for full pedal control inputs while hovering 
in a 25-knot wind may be obtained by the same procedure as above. 

In this case, since V (35 knots; i.e., 59*1 ft/sec) is always greater 
than iijt (max 0.5 x 36.4 = 18.2 ft/sec), only the first and third 
integrals exist (or the second and fourth if V is minus). For the 
particular simplified faselage noted earlier, 
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This equation reduces to 

Nf   *    l68*+6 - 21U5W + i+602^2 (16) 

from which the yaw damping is 

3N 
—A   =    -2isU5t+ + 920U4 (17) 
34» 

Evaluated at ty = 0.5 rad/sec, the fuselage yaw damping ie 

—r=-   =     -16,852 ft-lb/rad/sec (18) 
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The total damping, including the contribution of the tail rotor, is 

jy * -Ul,912 ft-lb/rad/sec (19) 

From Figure 99, the tail rotor thrust margin available at 35 knots is 
1750 pounds. This is equivalent to a yawing moment of 62,000 ft-lb, 
and the resulting yaw displacunent after one second is 15.7 degrees. 
The requirement for this condition from paragraph 3.3.6 of MIL-H-85OIA 
is 3»7 degrees. 

Response to Directional Control Inputs 

The analog computer was used to study the response to pedal step and 
pulse inputs. Figure 100 shows response to a 1-inch step input. 

Autorotation Characteristics 

Entry Into Autorotation 

The rotor speed decay characteristics are analyzed in this section to 
establish conformity with the requirement that it shall be possible 
to make a safe transition to autorotation following F; complete power 
failure. 

In hover, the rotor deceleration, dfl/dt, can be given in terms of 
the initial torque, Qi and a time varying torque, AQ,(t), as follows: 

an      -n+ <*w 
IT (?o) 

The time-varying portion of the torque can be evaluated by expanding 
the torque  in terras of the torque coefficient and the roJ   r  speed 
which are the pertinent parameters.    This gives 

«M - ey ®An * @Afl        (2i) 

The assumption is made that the change in rotor speed, Aß» is linear 
with time. For time periods of less than two seconds, this assump- 
tion has been found to be valid. Thus, 
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Aft 
■(«) 

(22) 

Combining Equations (20), (2l), and (22) results in the following 
expression for rotor speed: 

Q 

°J - "i)1 " HT^T l1^' + Kt>l| U3) 

where 

K = 

9Q  9CQ . 3Q 

(~M 

For the purposes of evaluating the parameter K, it can be assumed 
that CQ remains essentially constant. This implies a constant collec- 
tive pitch angle and constant induced velocity. Therefore, 

•a.   ÜL da  Ä in, 
i 

(--5) 

It is noted that the parameter ^/ifly can be given in terms of the 
equivalent power as HP550/inj_2. This permits the use of the more 
readily available engine horsepower data. Equation (23) for rotor 
speed decay can now be given as 

n„   = sr 1 - 1/2 In « (:6) 

where I is the equivalent system moment of inertia of the main rotor, 
the tail rotor, and the propellers. 

The rotor speed decay using Equation (26) has been determined for a 
gross weight of 2^,500 pounds, and the results are shown in Figure 101. 

The minimum safe tip speed of i+67 fps is plotted i . Figure 101. This 
is the tip speed corresponsing to a mean blade lift coefficient of 1.1 
at a load factor of unity. Tip speeds below this limit would result 
in blade stall and preclude the possibility of regaining rotor speed 
with collective pitch reduction. 
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Figure 101 also shows the effect of reducing bhe collective pitch to 
It« minimum value during the time between the first and second second. 

In forward flight, the rotor speed decay following a power failure is 
determined by a method based primarily on a consideration of the 
energy equation, which can be written in differential form as 

mf = - (Q")x - AU«) (?) 

where (Q,n)^ represents the initial power and A(Q,ß) represents the 
time-varying power increment due to changes in the torque and rotor 
speed and the introduction of power from the propellers. The power 
increment is separated into the main contributing sources as follows: 

A(Qß) =  A(QO)_+ AUn) - A(Q12)nn (28) 
K I pp 

where 

A(Q ft)^ = Rr>tor power required at power failure 
K 

A(Qft)f = Power due to drag 

A(Qfi)  = Tower extracted by the propellers iron the airstresm 
PP and  introduced  into the main rotor system. 

Each of the above terms is  expanded in -errns of the basic flight 
parameters as follows: 

a^,^ d(Qu)D 
A«l«)R    -    Aliii AS2   + _A A:Q 

AfQ«)^    =    <^i    & (30) 

A(50)        =    U0J      +-TO-EB-   A»  ♦ --j^AV (-1) 
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The changes in rotor speed, AH, and forward speed, AV, are esti- 
mated in terms of the parameters dfl/dt and dV/dt as follows: 

Aft = 
ffl «•■ <*> 

- ■   (£)*--  ft) «'        (3.) 

where time, t, is considered to start at time of failure. It is 
assumed that the rotor torque coefficient, C  , remains constant so 
that % 

AC,   -  Ü ! A) 

With the above assumptions, the equation for dfl/dt resolves into 
the following form: 

dn    - 
1 + ctj ^J:>J 

which is readily integrated to give the rotor speed as a function of 
time as 

[(*•#)«'•«-* «I! °? s  "i  x " Q   F+-^M*(l + c~) -T- M       (36) 1 

The parameters to be identified and evaluated for the above expression 
are as follows: 

A - ( - ^:pp) (-7) 

B ■ (Kv - Kn ) (8) 
- V 
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C   =    CkR-O (39) 

ftn)1 

in 
5  « ^ (uc) 

i 

pv =    ro7«75 

8Q«BB 

PP an 
lfii 

To evaluate the above Parameters,  it is necessary to develop 
expressions  for the derivatives 

&(DV)    a(QQV    9fQ^pp      M ***\ 
~d\T~>      37 —^  and ~~äH 

in terms of known quantities.    To do this, the following additional 
expressions are introduced: 

DV    =   -|ATT V3 (1+6) 

226 



(Q0)p = C   pA(ßR)3 (7) 
St 

(Qß)     ■  Cn .    P2 TT T]3 D5 (48) v * ;pp     Q pp Hi ' 

n = -Sg. (*) 

J = ~£ (50) 

It is noted that the propeller derivatives depend on CQ_ pp which can 
be evaluated from the propeller charts in Reference 13 as a function 
of the advance ratio J. An empirical equation for CQ pp has been 
derived from this data as 

C^pp " 0.022 [1.5 -i] (51) 

With the above relationships,  the following derivatives can be 
obtained: 

Ä   =    3|A,V2    «   m (52) 

d(^)p 5        3(Qn), 
=    3CQ    p A{ OR)-    = (53) an J ^ K   v "'v ox 

!^SL   . ^HL   ilp,.n3n5 (.u) av aj       IT p     n *' ' 

(55) 
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8C 

££   . 
an "dT ̂   *   4T*<FW   »5> 3n       2TT    ß (-■c) 

-  (HO) 

Ff <t> (57) 

Expressions for trie required parameters in the integrated form of 
the equation for the rotor s^eed are new summarized as follows: 

3 HP 

HP1   w vx 
(8) 

K    V 
PP 

HP 
PP 

HP, [F# "'® * (59) 

s = 
3 HPR 550 

in 7 
(60) 

PP 

Iff     x 550   r 
PP  
in, 

3 - 

FS 
ii   „ 
v^   ni (61) 

To account for a delay time before changing pitch of the propellers, 
the propeller terms should be kept at zero. At the instant that 
propeller pitch is changed (to extract power from the airstream), the 
rotor, speed decay can be computed using the prevailing conditions as 
the initial conditions and with the propeller terms included. 

The rotor speed following a power failure at lMD knots has been cal- 
culated from Equation (36) for the case of no pilot action for two 
seconds and Cor the case in which ähe pilot reduces propeller pitch 
to the windmill setting of 20 degrees in the period between the first 
and second second. The resulting time histories are plotted on 
Figure 102. 
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Steady Autorotation 

The rate of descent in autorotation has been computed by a variation 
of the performance and trim program which solves for trim conditions 
with zero rotor torque. The rate of descent in steady autorotation as 
a function of speed is shown in Figure 103. It may be seen that the 
CRA at its design gross weight has a minimum rate of descent of 
ep?roximately 1970 feet per minute at a forward speed of 80 knots. 

Height-Velocity Diagram - Helicopter Mode 

The flight conditions vhich preclude a safe autorotative landing are 
defined by a typical height-velocity diagram. The key points on which 
the construction of this diagram is based are (1) the high hover point, 
(2) the low hover point, and (3) the critical velocity. The height- 
velocity diagram for the CK'^ has been determined by methods developed 
in Peference lU, the results of which are plotted in Figure IQh. 

Height-Velocity Diagram - Airplane Mode 

Following complete power failure in the airplane mode, the CRA has the 
capability of unstowing, extending, and bringing the rotor to operating 
rotor speed in order to make a ianding in autorotation. The unstowing 
and extending are done with hydraulic power from pumps driven by wind- 
milling propellers. The time required for these two operations is 16 
seconds. The rotor will be brought up to speed by clutching it into 
the crose shaft and absorbing power from the windmilling propellers. 
At a speel of lUO knots, a power level of 133 horsepower per propeller 
can be transmitted from the propellers into the rotor. Resulting time 
to bring the rotor up to its operating speed of 25 radians per second 
is 36 seconds. 

Thus, a total of 52 seconds is required to unstow, extend, and bring 
the rotor up to speed, 

Assunung that a glide speed of 1^0 knots is maintained and that the 
flaps are down, the rate of descent may be estimated from the power 
required to maintain level flight in this condition: 2000 horsepower. 
From energy considerations, the rate of descent is k$  feet per second. 

In the time of 52 seconds required, the aircraft will lose 2330 feet 
of altitude. 

In cases in which the aircraft is at less than 2330 feet but at speeds 
higher than lUO knots, the aircraft can be climbed by trading the 
kinetic energy of forward flight for altitude. 

Figure lOU shows that at speeds above 268 knots, the capability exists 
to climb to 2330 feet, from which altitude a transition to the auto- 
gyro node is possible. 
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Figure 103. Rate of Descent in Steady Autorotation. 
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Wind Tunnel Data 

Low-speed wind tunnel tests of a configuration sirrilar to the CRA were 
conducted to provide a basis for the estimation of the stability and 
control characteristics. The results of these tests are described in 
detail in Reference 1. 

The final configuration differs somewhat from the early wind tunnel model 
primarily because of design changes required bo assure the attainment of 
the required lift-to-drag ratio. These changes included the use of 
greater wing span to reduce the drag due to lift, and the choice of 
increased wing camber to minimize the parasite drag in the higher lift 
coefficient range. Other changes which improve the aerodynamic character- 
istics include increased flap span and elimination of the flap cutout to 
provide greater effectiveness, and increased fuselage lengtl resulting 
from the choice of larger diameters for the main rotor and tail rotor. 
The basic wind tunnel results are modified, to reflect th^ce changes, by 
standard aerodynamic methods which are described in the succeeding section. 

Longitudinal Characteristics 

Lift 

The lift data presented in Figure 105 were obtained by correcting the 
wind tunnel data for aspect ratio, wing incidence, and flap geometry. 
Reference 15 was used to correct the wing lift curve slope for aspect 
ratio. .Reference lb was used to estimate the increase in trailing 
edge single slotted flap effectiveness. 

Figure 106 is presented as validation of the method used for the 
calculation of flap effectiveness for the CRA. The estimated flap 
lift increment for the wind tunnel configuration, when added to the 
flaps-up test data, is seen to yield results which are conservative 
with respect to those achieved in the tunnel. Since identical meth- 
ods were used to estimate the characteristics of the improved flaps, 
it is anticipated that some conservatism remains in the final flaps- 
down data of Figure 105. The estimated flap effectiveness was obtained 
by estimating the incremental lift due to flap deflection at a&  * Q and 
assuming the same lift curve slope as the flaps-up wind tunnel data. 

It should be noted that the wind tunnel data for the flapped configura- 
tion were obtained with the fixed rotor installed on the model, which 
appreciably increases the lift curve slope (ACL     =  0.059;. Lift 
data with flaps down and rotor o/f were not    ^rotor obtained dur- 
ing this test series. 
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Pitching Moment 

The tail-off pitching moment data presented in Figure 10? were 
obtained by adding an estimated incremental lift and pitching Moment 
du» to flap deflection to the wind tunnel tail-off, flaps-up deta. 

The elevator deflec'-ion required to trim to Cr   out of ground effect 
is shown as a function of center-of-^ravity position in Figure 108. 
AdequaHfe power for trim is available throughout the center-cf-gravity 
range. 

Power Effects 

The added lift due to power is presented in Figure 109 for the approach 
and landing flap deflection and in Figure 110 for the takeoff flap 
deflection. 

The pitching moment due to power is presented in Figure 111 for the 
1+5-degree f.\ap deflection and in Figure 112 for the 20-degree flap 
deflection. 

Elevator Hinge-Moments 

Longitudinal control forces are generated by the elevator hinge- 
moments through a mechanical control system linking the control stick 
with the elevator hinge-line. The elevator aerodynamic balance 
consists of a 29-percent elevator chord round-nosed balance and a 
25-P*rcent chord 1:1 geared tab. The control system incorporates a 
6-pcund downspring on the stick, and the elevator has a mass unbalance 
of 6 pounds, which gives a total of 12 pounds of downspring effect. 
This force will not be felt under normal ground operation, since the 
pilot will be sing helicopter controls; it will be felt only during 
ground operation at low speed in the airplane mode. 

References 19 through 22 were used to design the elevator aerodynamic 
balance to limit the longitudial ccntrol forces to the values 
specified by MIL-F-87Ö5(ASG). The estimated hinge-moment coefficients 
were +0.0005 for C^   and -0.0016 for Ch . 

Static Longitudinal Stability 

Stick force per "g" is used to evaluate the flying qualities of an 
airplane in maneuvering flight. This gradient varies directly with 
center-of-gravity position, %;eing heavier at the forward c.g.'s and 
lighter at the aft c.g.'s. 

The results of the analysis which are presented in Figure 113 show 
that, throughout the operating center-of-gravity range, the CRA 
exhibits positive stick-free static stability with stick force per "g 
characteristics well within the allowable limits. 
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For desirable flying qualities, it is necessary that the pilot be 
required to apply pull forces on the stick for flight at speeds below 
the trim speed and push forces for flight at speeds above the trim 
speed. The variation of elevator angle and stick force with speed is 
shown in Figures 114 through ll8 for several conditions of trim and 
power setting at the critical center-of-gravity position. The CRA is 
seen to exhibit positive stability both stick fixed and stick free 
under all conditions. 

The slope Fs versus V varies with center of gravity, the slope 
becoming more stable as the center of gravity is moved forward. The 
most aft center-of-gravity position is, therefore, the most critical. 
The gradient of stick force versus speed, dFg/dV, plays a major role 
in determining the pilot's feel of the airplane, i.e., the pilot's 
concept of the airplane's stability. A large gradient will tend to 
keep the airplane flying at constant speed and will resist the influ- 
ence of disturbances toward changing speed. It will also enable the 
pilot to trim the airplane easily and will not require pilot atten- 
tion to hold the given trim Bpeed. 

Table XVII presents a tabulation of the stick-fixed neutral point and 
the stick-free neutral point and shows that the stick-free neutral 
point is aft of the stick-fixed neutral point for the critical flight 
conditions at the aft e.g. limit. 

TABLE XVII. NEUTRAL POINTS                 | 

K\ (dQA 
Condition 

Weight 
(lb) 

Flaps 
(deg) Power 

VTR1M 
(Kt) X L/FKED x u' FREE 

Transition 24,500 45 Off i4o -0.061 -O.II5 

Transition 24,500 45 Power for 
Level Flight 

l4o -0.020 -0.074 

Takeoff 24,500 20 Off l4o -O.O6I -O.II5 

Takeoff 24,500 20 Takeoff 140 -0.001 -0.055 

Cruise 24,500 0 Level Flight 250 -O.O6I -0.115 

Max. Speed 24,500 0 Level Flight 400 -O.O6I -0.115 
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Trim During Transition - Helicopter to Airplane Mode 

Prior to beginning the transition, the pilot will establish steady 
flight at the transition speed with the rotor unloaded and vith the 
pitching moments on the aircraft trimmed so that no balancing moments 
are required from the rotcr. At this point, the control system is 
shifted from helicopter controls to airplane controls with the system 
previously described. Sin^e the aircraft was in trim prior to the 
control shift, it will remain in trim after the shiftt  and no stick 
.motion will be icqulieQ.—The next step ±s^frr~ae"cTulTch. the rotcr from 
the drive system. While the rotor is being decelerated, the rotor 
drag will remain essentially constant so that no change in longitu- 
dinal trim will occur. The application of the rotor brake at 100 rpm 
will require the use of the rudder to trj~ directionally. For full 
brake application, which will stop the rotor in 15 seconds, the 
applied torque, Q,, is 

W   15 

where 

= 13,000 slug-ft2 

and Q (at 100 rpm) = 10.4. 

The resultant torque is 9,000 foot-pounds. At the minimum speed of 
120 knots, a 3.4-degree rudder deflection and a pedal displacement of 
0.73 inch is required to balance this torque. When the rotor stops, 
the rudder can be centered. The drag of the stopped rotor is essen- 
tially the same as an unloaded but rotating rotor, so that no longi- 
tudinal trim change will occur with rotor stopping. 

The wing tunnel tests of the 33-foot stopped rotor showed that 
folding the blades Increased the rotor drag approximately 5C percent. 
The rotor hub and blades have an equivalent flat-plate area of 8 
square feet, and the increase in flat-plate area is k  square feet, 
which at 120 knots will produce a nose-up pitching moment of 9Ö0 foot- 
pounds. Blade folding also moves the center of gravity back U.5 
inches, which at the design gross weight represents an additional 
nose-up pitching moment of 9200 foot-pounds. The total change in 
pitching moment can be trimmed out with an elevator deflection of only 
-5«^ degrees. 

Retracting the rotor and closing the doors over the hub results in a 
drag reduction and a corresponding nose-down pitching moment repre- 
senting the removal of 12 square feet of flat-plate area at an arm of 
5 feet. This change in moment requires a +1.6-degree change in 
elevator deflection. 
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When the flaps are retracted and the aircraft is accelerated to l80 
knots, a nose-down moment is produced which requires a +1.5-degree 
change in elevator deflection. 

Figure 119 shows the time history of elevator and rudder deflections 
required during the various phases of the transition. 

Trim During Transition - Airplane to Helicopter Mode 

The transition from the airplane to the helicopter mode is almost the 
reverse of the transition Just discussed. The aircraft will be 
trimmed out at about l80 knots. The extension of the flaps and the 
deceleration to the transition speed will occur simultaneously with 
the corresponding trim change of -1.5 degrees of elevator deflection. 
The unstowing and extension of the blades will require 16 seconds and 
will produce the trim changes discussed in the previous section. The 
rotor will be started with a clutch, which will bring the rotor up to 
full speed in ^5 seconds. The clutch can generate a torque at the 
main rotor of 6700 foot-pounds. A rudder deflection of -2.5 degrees 
is required to balance this torque. Figure 120 shows the time history 
r.i  the control deflections during the transition from airplane to 
helicopter mode. 

Dynamic Stability 

The longitudinal dynamic stability characteristics were computed by 
means of the 5-D Maneuver and Dynamic Modes Program adapted to three 
degrees of freedom. This stability and control program extracts roots 
and determines transfer functions of the longitudinal and lateral- 
directional equations of motion. The input is common to all functions 
and includes aircraft descriptive geometry, the usual aerodynamic 
parameters which can be linearly dependent on angle of attack, yaw, 
inertia characteristics, engine gyroscopic moments, thrust character- 
istics dependent on speed and altitude, and three axis primary control 
parameters. 

The longitudinal load;, portion assembles the three equations of motion 
and the control describing functions and extracts the roots from the 
characteristic matrix. The various longitudinal mode characteristics 
such as natural and damped frequencies and periods, damping parameters 
describing the short period and phugoid, and other assiciated time 
constants are obtained. 

The lateral-directional modes portion is very similar to the longi- 
tudinal portion. The three basic equations of motion together with 
roll and yaw control functions are assembled and the roots are 
extracted. The lateral-directional modes such as Dutch roll, spiral 
and roll subsidence, and their descriptive frequency and damping 
characteristics are obtained. 
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The analysis w s restricted to incompressible flow, rigid airframe, and 
fixed control conditions». An average gross weight of 23,000 pounds and 
a e.g. location at l8.5 percent MAC were held constant for all flight 
conditions. This corresponds to design gross weight less half-fuel and 
average e.g. travel. The representative flight conditions considered 
are power approach, transition, flap placard speed, crui3e speed, and 
maximum speed. 

The longitudinal dynamic stability derivatives are listed in Table 
XVIII for the representative flight conditions. The values for CL and 
CDCL 

wer€ obtained from the lift curve and drag polar, based on wind 
tunnel test data. The static stability derivative Cmcj. was also taken 
from these data with account taken of the change in reference e.g. 
location. 

The change in drag coefficient due to Mach number (CDM) was utilized to 
effectively account for thrust effects due to the propellers, since the 
program used accounted only for Jet engines. In this adaptation 

cx 
c u 

% TT 

The term C^ Is computed from page 1^9 of Reference 23» with the 
assumption that 

/ar\ T_ 

\**L   =   ~uo 
This finally reduces to 

\ 

for properller-driven airplanes. 

The pitching rate derivatives, Cm« and Cm«, are primarily due to the 
effect of the horizontal stabilizer. These are computed on the basis 
shown in Section 10-*+ of Reference 19. Thus, 

C 
H     w \ w    w/ 

C 
m„ d€ 

CmA " 1.1  da. a A 
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The factor 1.1 accounts for basic wing and body contributions at a 
quarter-chord e.g. location. A correction for wing damping contribu- 
tion is obtaiaed from Reference 2k  for a e.g. location away from the 
quarter chord. For the reference e.g. of this analysis, this correc- 
tion amounts to only 5 percent of that computed by the preceding 
equations. 

The results of Lhe computed longitudinal dynamic stability character- 
istics are presented in Table XVIII and Figure 121. The long-period 
motion is damped in all cases and has a period always greater than 
one-half minute. Time to damp to 1/10 amplitude is plotted against 
oscillation period for the short-period motion in Figure 121, which 
shows that the short-period characteristics pre satisfactory for all 
flight conditions. 

Stability During Transition 

The crucial phase in transition flight from a longitudinal stability 
standpoint is in the stopped and unfolded rotor position. If aero- 
dynamic lift is sustained by the stepped blades, large destabilizing 
moments can result. The use of a very large horizontal tail surface 
for stabilization under this condition is uneconomical from the stand- 
points of weight and drag and is male unnecessary by the use of the 
rotor blade pitch bias system, which senses angle-of-attack, changes 
with an angle-of-attack vane and puts in the correct amount of cyclic 
pitch to eliminate rotor pitching moments. This system is constructed 
to follow the linear schedule shown in Figure 122. This figure is 
based on results of the wind tunnel tests referred to above. These 
values correspond to zero rctor lift. The residual pitching moment 
requires only one-half degree elevator deflection to trim. 

Longitudinal Trim Change Conditions 

Deviations from trim are most important within the area of airfield 
operations. From an elevator control handling standpoint, rapid 
changes in flap deflection or throttle setting may require significant 
stick force to maintain the desired flight path. The pertinent 
flight conditions have been analyzed for the CRA, and the results are 
presented in Table XDC. The conditions are numbered in accord with 
Table XXVIII of MIL-F-6785(ASG). The effects of e.g. shift due to 
changes in landing gear position are negligible. The other items 
cited in MIL-F-87Ö5(ASG) do rot apply. 

Lateral-Directional Characteristics 

Directional Stability 

The tail-off yawing moment coefficient data presented in Figure 123 
were obtained from wind tunnel test data and referred to the increased 
values of wing area and wing span. 
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The directional stability contribution of the vertical tail and the 
rudder effectiveness (presented in Figure 123) were computed for the 
final configuration vertical tail using the sidewash and dynamic 
pressure from wind tunnel test data. 

TABLE XVIII.  LONGITUDINAL DYNAMIC STABILITY DERIVATIVES 

I     Flight 
Condition 

Power 
Approach 

Transi- 
tion 

Max. 
Flap Placard Speed Cruise Speed 

Flaps (deg) »*5 U5 <S               o               0   0 

1 Speed (kts) 

Altitude 

Weight (lb) 

130 

Sea Level 

23,000 

LUO 175     175     250  385 

Xp  (* MAC) 
e.g. 18.5 

I^siug-ft* 81,172 

CLe U/deg) 0.091 

C^d/rad) -0.620 

C^d/rad) -0.186 

1   "CL 
-0.126 

PL 0.110 0.083 0.055   O.080   0.032 0 1 

C°M 2.82 2.3*+ 1.67    0.77    0.37 0.22 

*Fhugoid 
Period (sec) 

36 39 14-9      *+9     70   113 1 

1 »Phugoid is convergent. 

Side Force 

The tail-off side force data presented in Figure 12k  were obtained 
from wind tunnel test data and referred to the increased values of 
wing area and wing span. The contribution of the vertical tail was 
corrected for vertical tail geometry. 
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Figure 121.    Longitudinal Short-Period Damping. 
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Figure 123. Yawing Moment Coefficient Versus Sideslip 
Angle (Flaps Up and Down). 
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Dihedral Effect 

The tail-off dihedral effect (C/ß) presented in Figures 125 and 126 
was obtained from wind tunnel test data corrected for wing geometry. 
The contribution of the vertical tail was corrected for vertical tail 
geometry and wing geometry. 

The ratio of C/« to Cn« should be approximately -O.5O or less for 
good Dutch roll characteristics. The wind tunnel model which had no 
geometric dihedral indicated a value of C^o/Cno =0.75. To assure 
satisfactory Dutch roll characteristics, the CKA wing will incorporate 
a negative dihedral of 0.5 degree, which reduces C^« to -O.OOO6O. 
This effect is included in the data of Figure 125 and in all subse- 
quent analyses. 

The value of C/,  Bhown in Figures 125 and 127 was obtained from wind 
tunnel data and corrected for wing geometry. 

Maximum Roll Rates 

The roll requirements in MT>F-8785(ASG) are in terms of (Fb/2V)M. 
The specification requires 0.07 over the speed range up to 300 knots. 
Since 

C£ 

W^M ■—! 
*a \ 

L 

the value Of (Pb/2V)^ is independent of speed. The maximum aileron 
deflection of ±11 degrees was determined by the (Fb/2V)j4 requirement. 

A single-degree-of-freedom time history at transition speed (lUO knots) 
presented in Figure 128 shows that the average Fb/2V over the first 
30 degrees of bank angle is 0.0^0, which is a satisfactory roll rate. 

Aileron and Rudder Hinge Moment 

Lateral control is provided by a Frise-type aileron. The balance was 
chosen to limit the lateral control forces to specification values. 
The Cfc/Ca is approximately 30 percent. The hinge-moment coefficient 
data presented in Figure 129 were obtained from References 21 and 25. 

The rudder hinge-moment coefficients are -0.0005 and -0.007U for Ch 
and Cn.respectively without a nose balance. These values provide a 

rudder pedal forces that are within the specification limits. 
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Figure 128. Bank Angle Time History at Transition Speed. 
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Figure 130.    Aileron Stick Force. 
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Aileron Stick Forces 

Figure 130 presents lateral control stick forces for maximum aileron 
deflection rolls at 300 knots. MIL-F-87Ö5(ASG) requires a (Pb/2V)M = 
0.07 at all speeds up to 300 knots with a lateral control force of 
25 pounds or less. The lateral control force will be less at lover 
speeds, 

Steady-State Sideslips 

The characteristics in steady-state sideslips are shown in Figures 
131 through IS1* for power approach and cruise flight conditions. 
MIL-F-8785(ASG) requires crosswind landing capability with a 30-knot 
crosswind with pedal forces less than 1Ö0 pounds. The 30-knot cross- 
wind at 130 knots requires a sideslip capability of 13 degrees. 
Figures 131 and 132 show that a sideslip angle of 13 degrees can be 
obtained with a rudder deflection of approximately 8.5 degrees with 
a pedal force of 65 pounds, which is well within the specification 
requirement. There is no specific specification requirement for 
sideslip capability at cruise speeds. Figures 133 and 13U show that 
sufficient sideslip is available with moderate values of rudder pedal 
force. 

Lateral-Directional Dynamic Stability 

The lateral-directional dynamic stability characteristics were derived 
from the computer program described above. The same basic assump- 
tions and representative flight conditions were also used. The 
lateral-directional derivatives used in this study are listed in 
Table XX. The sideslip-dependent derivatives (C„  C   C. ) were 
taken from the wind tunnel test d:tr.. ß, nß, «ß 

The roll-rate derivatives (Cyp, CnP cip) were computed by methods 
outlined in Reference 21. Cyp'rela^es directly to lift coefficient. 
Cnp is further complicated by e.g. location and flap deflection. 
The term Cjp is basically a function of wing geometry and is essen- 
tially constant over the flight regime. 

The yaw-rate derivatives (Cv  G„  C^,) were computed by methods 
shown in References 19, 23 and 2kT,*  Th£ derivative CY is due chiefly 
to the vertical stabilizer. C„ is computed in a manner similar to 
Cm . The wing has a powerful effect in this term. Lift coefficient 
anä flap deflection are the factors affecting the value of C#. 

The results of the lateral-directional dynamic stability deputations 
are shown in Table XX and Figure 135 for the representative flight 
conditions. The time to double bank angle, in a divergent spiral, is 
listed in Table XX. The Dutch roll mode is graphically expressed in 
Figure 135. The inverse of cycles to damp to one-half amplitud is 
plotted against the rolling parameter, (|<{>/V |). 
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TABLE XX.    LATERAL-3IRECTI0NAL DYNAMIC STABILITY DERIVATIVES 

1         Flight 
Condition 

Power 
Approach 

Transi- 
tion Flap Fiacard Speed Cruise 

Max. 
Speed 

Flaps (deg) h5 U5 U5 0 0 0 

Speed (kt) 130 1U0 175 175 250 385 

Altitude Sea. Level 

Weight (lb) 23,000 

Xcg (^MAC) 18.5 

l   IÄ (slug-ft2) 25,362 

Izi (slug-ft2) 

C      (1/deg) 

Cnp (1/deg) 

98,716 

-0.019 

0.00175 

1  Cj    (1/deg) -0.00060 

CYp (l/rad) -Q.lkQ -O.3OO -0.2to -0.180 -O.O89 -0 037I 

Cnp (1/rad) 

C|p (1/rad) 

-0.157 

-0.1* 

-0.133 -0.102 -O.072 -O.O2U -0.003 

C      (1/rad) 0.661 

Cnr (1/rad) -O.I28 -O.lOlf -O.O82 -O.OU5 -O.O25 -0.02l| 

C|r (1/rad) 0.378 0.331+ 0.279 0.225 O.lUl o.oi+o 

I   Spiral, time 
1   to double bank 

angle (sec) 

8.7 9.8 13.3 15.7 32.0 187.7 
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Figure 135»    Dutch Roll Characteristics. 
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PART 6 

STRUCTURES 

SECTION 13 

STRUCTURAL DESIGN CRITERIA 

DESIGN ROTOR SPEEDS 

The range of main rotor speeds for structural design are listed in Table 
XXI. The normal rotor speed of 2k0  rpm is based on the performance 
requirements for hover. The maximum and minimum values give a reasonable 
tolerance beyond the range for which the governor is set; the limit value is 
essentially 5 percent above the maximum value and represents the rotor 
speed which must be flight demonstrated in order that the design maximum 
may be designated the placard speed. The power-off values are selected to 
give as wide a range of speeds as possible so that the pilot, when con- 
fronted with the autorotation mode, has enough latitude to permit retrim- 
ming the vehicle. Also, a further limitation is imposed: at maximum rotor 
speed and forward speed, the Mach number of the advancing blade should not 
exceed 1.0. At the transition speed of LUo knots, this value is N = O.998. 

The minimum rotor speed at which the vehicle can attain l.Og on the rotor is 
shown as a function of gross weight on Figure 136. 

TABLE XXI. DESIGN ROTOR SPEEDS 

RPM 

Angular 
Velocity 
(Rad/Sec) 

Tip 
Speed 
(FPS) 

Mt 
a 

Normal Rotor Speed 2U0 25.1 753 0.886 

Power On 

Design Minimum 227 23.7 712 0.850 

Design Maximum 252 26.3 788 0.920 I 

Limit Rotor Speed 265 27.7 830 0.955 

Power Off 

Design Minimum 201 21.0 630 0.777 

Design Maximum 263 27.5 825 0.950 

Limit Rotor Speed 279 29.2 875 0.998 

|    Note: M^ is the tip Mach number 
1          forward speed of lUo knots 

of the advancing blade 
at sea level. 

at a 
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Figure 136» Minimum Rotor Speed Vs. Gross Weight for 1.0 g Flight, 
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(Fixed-wing mode) 

DESIGN LIMIT FLIGHT MANEUVER LOAD FACTORS 

Requirements 

The limit flight maneuver load factors for the basic design gross weight are 

+ 3.0g and -0.5g (helicopter mode) 

+ U.5g to dive speed 

- l.Og to V„ then varying to 0 at V"L  | 

These load factors are applicable to the basic design gross weight or maximum 
design gross weight. For gross weight above this design weight, the load 
factor is determined based on the design value of nW being constant; however, 
for the ferry mission, the limit maneuver load factor is +2.5g. The V-n 
diagram for flight in the fixed-wing mode is given in Figure 137. 

Figure 13o shows some experimental values of the maximum two-dimensional lift- 
coefficient versus Mach number for a 12-percent thick airfoil. By curve- 
fitting techniques, an expression for Cx«^ is obtained. This expression and 
the corresponding curve are also shown in this figure. For a blade whose 
thickness ratio varies linearly along the spar, the use of the thickness ratio 
at 0.75 radius gives satisfactory results for loads determination . The value 
of 12-percent is a reasonable choice for the main rotor blade of the CRA. 

Figure 139 shows the calculated value of n^x and the structural design 
envelope at the design gross weight for various rotor speeds at sea level 
conditions. Load factors at higher altitudes are less than those for sea level. 

Division of Load Between Rotor and Vehicle-Less-Rotor 

Both the main rotor and the vehicle-less-rotor contribute to the total lift in 
the compound mode. The vehicle-less-rotor, having the configuration of a 
fixed-wing aircraft, will develop lift as a function of forward speed and 
angle of attack. The rotor will develop lift as a function of collective 
pitch setting and angle of attack of the rotor disc. Acting in parallel, the 
total lift is effectively that of the two lifting components. Figure lUo 
shows this division of lift at l.Og. 

The discussion under "Transition Speed Range" states the range of transition 
speeds for the optimized performance of the vehicle as 120 to 1^0 KEAS. A 
maximum value of l60 KEAS is also given as an overspeed to permit recovery 
from stall at the minimum transition speed. For purposes of structural 
design, the transition speed range is assumed to be from 1*4-0 to 160 KEAS. 

At the transition speed chosen for a given flight plan, the collective pitch 
is reduced linearly from its maximum value of 100 KEA.S to zero at the speed 
at which the rotor is stopped. For normal operation, this collective pitch 
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change is shown in Figure lUl as the two lines emanating from the common 
point at 100 KEAS and decreasing linearly to zero at the minimum and normal 
transition speeds. For establishing the strength level, the programmed 
collective pitch change is assumed to reduce to zero at lUO to l60 KEAS as 
shown in the shaded area in the figure. This selection of the collective 
pitch variation with speed results in higher rotor loads than will be 
experienced in normal operation. The curves (e.g., Figures XkO  and 3.U2, 
etc.) which reflect the collective range are based on that chosen for 
structural design, At the minimum value of collective pitch between lUO and 
l60 KEAS, the rotor is completely unloaded and the wing and control sur- 
faces have taken over the functions of lift and trim respectively. 

The division of load between both major lifting components is obtained for 
l.Og flight by trimming the vehicle at various speeds in the compound mode 
such that the combination of collective and cyclic pitch results in a e.g. 
acceleration of l.Og. The collective pitch is kept at the maximum value con- 
sistent with the vehicle angle of attack necessary to develop the airload on 
the wing. For maneuvering flight, the collective pitch is increased to its 
maximum value at that speed:  the angle of attack is then increased to the 
extent necessary to attain the desired load factor at the center of gravity. 
The V-n diagram for flight in the compound mode is shown in Figure 142. 

Unsymmetrical Flight Load Factors 

The design unsymmetrical load factors are those specified in References 26 
and 27. 

a. The lateral maneuvering load factors are 0.8 n^^  and zero. In 
the compound mode, the maximum positive load factor is 0.8 of 
the values shown in Figure lUO corresponding to the forward 
speed and rotor rpm for the condition under consideration. 

b. The directional maneuvering load factor is 1.0 at all speeds from 
hover to VT. 

DESIGN GUST LOAD FACTORS 

The design gust load factors are determined for the requirements of Reference 
26 for the compound mode and Reference 27 for the fixed-wing mode. In the 
compound mode, the discrete gust intensity is 50 fps. As a fixed-wing air- 
craft, the gust intensities ure: 

Velocity - knots Gust Intensity - fps 

21U. 66 

330 50 

I456 25 
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Main Rotor Gust Load Factor 

The incremental gust load factor on the rotor, assuming & gust allevia- 
tion factor of unity, is obtained from Figures lk?>  : nd Ikk  using the 
relationships 

«P. 

Aw 
AoVad " ~ 

An =  ACt 
[TTR

2
P (OH)

2] 

Vehicle Less Rotor Load Factor 

The incremental gust load factor for the vehicle less rotor is obtained for 
the speeds and gust intensities noted in Table XXII, using the relationship 

K U V C T 

An -  h° 
U98 w/s 

The value of the gust alleviation factor, K, is obtained from 

0.88u 
K - 

5.3 +H 

u  = 2W/S 
g c mp 

Table XXIII presents the load factors. 

Symmetrical Flight 

The requirements for symmetrical flight maneuvers are those of Reference 26 
and Reference 27 for the compound and the fixed-wing modes respectively. 
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TABLF XXII. GUST INCREMENTAL LOAD FACTOR - MAIN ROTOR 

An 

1                    V Tip Speed: 753 875          j 

20 0.77 O.89 

40 0.82 0.94 

6o 0.86 0.99 

8o 0.89 1.02 

100 0.91 1.05 

120 0.91 1.06 

140 0.90 I.06 

160 0.88 1.05 

TABLE XXIII. OUST INCREMENTAL LOAD FACTOR - VEHICLE LESS ROTOR 

Compound Mode. Four basic flight conditions are considered: 

a. Maximum Speed Condition. This is a l.Og condition, the speed being 
the limit speed in the forward, rearward, and sideward directions. 
The rotor speeds considered are: (l) limit, power on (263 rpm) and 
(2) design minimum, power on (227 rptti) . 
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b. Symmetrical Dive and Pullout. For these maneuvers, the control 
surfaces are moved at the maximum rate established for the output 
of the powered control system to the displacement which results in 
the design load factor, followed by a linear return of the control 
surfaces at ehe same maximum rate to that required for level flight. 
The rotor speeds considered are the same as tj.ose for the maximum 
speed condition. The forward speeds are l60 iCEA.5 and any lower 
speeds that result in critical loadj on any pirt of the vehicle. 

c. Vertical Takeoff (Ground Takeoff). The collective pitch is changed 
from minimum to maximum angle at the maximum rate established for 
the output of the powered control system and held until the maximum 
attainable load factor is reached. The rotor speed is the limit, 
power-on value of 263 rpm. 

d. Autorotational Flight and Dive Pullout. These conditions are similar 
to item (b), above, except for: 

1. The forward speeds are l60 KEAS and that for minimrm rate of 
descent. 

2. The rotor speeds are those for power off. 

Limit — 279 rpm 
Design Minimum — 201 rpm 

Fixed-Wing Mode 

The symmetrical flight conditions are those of Reference 27, the pitchin~ 
maneuvers being those for the prescribed pitching acceleration. 

Unsymnetrical Flight 

The requirements of References 26 and 27 are applicable without deviation. 

Compound Mode - (Rolling Pullout) 

a. Forward Speed. The forward airspeed is l60 KEAS and any lower speed 
that results in critical loads. 

b. Rotor Speed. The rotor speeds considered are 

1. Limit, power on (263 rpm). 

2. Design minimum, power on (227 rpm). 

c. The rate of roll is the maximum attainable rate when the pitch 
settings of the main and tail rotor blades and the ailerons 
and rudder are moved at the maximum rate established for the 
output of the powered control system. 
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d. The normal load factors are 0.8 n   and 0. 
max 

e. The maximum rate of roll and the maximum normal load factor are 
considered to occur simultaneously. 

f. The directional control is considered to be: 

1. Maintained in its neutral position. 

2. Displaced in the direction of recovery at the maximum rate 
established for the output of the power control system. 

Compound Mode 

The requirements of Paragraph 3.2.3.2 of Reference 26 are applicable 
with the exception that the tail rotor collective pitch and the rudder 
are displaced at the maximum rate established for the output of the 
power control system to the maximum deflection as limited by stops or 
by the maximum system output. 

a. Speed. V^ in forward or sideward flight, or any lesser speed 
which might produce critical loads in any component. 

b. Rotor Speed. Limit rotor speed, power on (263 rpm). 

c. The control displacement is maintained until the maximum angle 
of sideslip is developed and then returned to neutral at the 
same rate as specified abov' 

For autorotational flight, the same criteria are applicable except that 
the rotor rpm is 279. 

Fixed^Wing Mode 

The uns/rametrical flight conditions of Reference 27 are applicable 
except that, in lieu of the engine failure requirement (which cannot 
result in unsymmetrical thrust because of the positive interconnection 
of the propellers through the transmission system), a propeller pitch 
control malfunction is substituted. With such a malfunction, the 
propeller will automatically feather. 

DESIGN LAMPING CONDITIONS 

The landing requirements? specifically detailed in Paragraph 2.1.1g of the 
Statement of "Work which forms a part of the Contract (Reference i0) are: 
"Landing gear shall be designed for applicable YTOL landing conditions speci- 
fied in MIL-S-8698(ASG). The Contractor shall investigate the landing gear 
capabilities for emergency landing in the fixed wing mode on standard ruiway." 
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The CRA is, therefore, designed to the landing criteria for helicopters 
(Reference 26) and for airplanes (Reference 3l), the criteria of the latter 
specification being used as a guide to establish the capabilities of the 
vehicle in the fixed-wing mode. 

The nose landing gear of the C-l40 has been found to be adaptable to the 
CRA. Figure IU5 gives the load factor-stroke curves from which the nose 
gear load factor of I.67 is read at the maximum stroke of 12 inches. 

Design Landing Conditions - Helicopter Mode 

Sinking Speed 

The limit sinking speed is 8 feet per second in combination with 2W/3 
rotor lift. This sinking speed is applicable to the basic design 
gross weight. 

Reserve Energy Requirement 

The structure shall not fail when the initial contact with the ground 
occurs at a sinking speed of 8 y 1,5 or 9.8 feet per second. 

Landing Load Conditions 

The requirements of Chapter 2 and 3 of Reference 32 apply as modified 
by Paragraphs 3.^.5, 3.*+.5.1, 3.*+.5.2 and 3.^.5.3 of Reference 26, 
and by the following: 

a. Those landing conditions resulting in unbalanced moments about 
the center of gravity will be put into equilibrium by rota- 
tional inertia forces on the vehicle and by moments introduced 
in the rotor hub based on the compliance rate of the rigid 
rotor. 

b. Landing gear loads and the resulting vehicle response are 
determined for both level and sloping terrain landings, the 
maximum slope being 15 degrees. For sloping terrain landings, 
the vehicle is assumed to be oriented so that its longitudinal 
axis is normal to the direction of the slope. 

c. For landings on level terrain, the loads are obtained for the 
critical translational speeds parallel to the ground, from 
zero to the maximum design values in the forward, aft, or 
side directions. 

d. For landing on the 15-degree slope, the translational veloc- 
ity of the vehicle is assumed to be zero. 
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Design Landing Conditions - Fixed-Wing Mode 

Sinking Speed 

The landing gear capability for landing in the fixed-wing mode is based 
on the strength level established for the helicopter. This capability 
is determined by equating the total energy to be absorbed for the 
helicopter mode to that for the fixed-wing mode. For this calculation, 
it is assumed that the orifice is optimized to give the same load fac- 
tors for both the hydraulic and the air peak and that this peak load 
factor determined for landing as a helicopter will not be exceeded 
when landing as an airplane. The equation for landing gear energy 
balance is 

v2  nt K. x.2 PV_ "• *s = if -     I + (W - L)tx. * xt) "max 

where 
Fv    = maximum vertical load developed in landing 

V = vertical velocity at ground contact, fps 

r\      = tire efficiency (to account for nonlinearity of tire 
deflection curve) 

Kt = tire spring constant, lb/ft 

x. ■ tire deflection, ft 

W = landing weight, lb 

L = wing or rotor lift at ground contact, lb 

x  = strut stroke, ft 
s 

T]  = strut efficiency 
s 

Since the landing gear load factor may be expressed as 

•\G " pv /w 
max 

the energy expression may be rewritten in terms of n_ , 

2 

+ (l-#)(x +xj V2    °'t Kt Xt   ,  ,,   L, 
2g    2W v   W/v s   V 

?<* 



Equating the landing gear Load factors for the helicopter and the 
fixed-wing modes and assuming that the tire energy remains effectively 
unchanged, we obtain the following expression for the sinking speed in 
the fixed-wing node: 

2 2 
6i+ ^t Kt Xt  ,, £w   .  >  V2\VS+,..wY  .  , 
2g-  5W   * (l-f)(Vxt} Tg'     2W  ^L"l)(XsF 

+ ^ 
X
SH xSp 

where xs„ * strut deflection for the helicopter mode, and xSp = strut 
deflection in the fixed-wing mode 

for 
XsH - 1 ft 

xt - 1/3 it 

\ = 0.5,3 

Kt 
= 30,000 lb/ft 

V2 = 88.37 xSF + 4.25 

This is plotted in Figure 146. 

DESIGN TAXI AND TAKEOFF CONDITIONS 

The taxi and takeoff criteria for the CRA are those of References 26 and 31 
for the helicopter and the fixed-wing modes of flight. Reference 26, in 
turn, refers these requirements to Reference 32, which is similar to the 
fixed-wing criteria of Reference 31. Thus, only one of  these specifica- 
tions need he used for this phase of the criteria and loads determination. 
The following conditions are investigated: 

a. Two-wheel braked roll 

b. Three-wheel braked roll 

c. Unsymmetrical brakin^ 

d. Reverse braking 

e. Turning 

f. Pivoting 

g. Taxiing 

Under normal conditions, with the main rotor deployed and rotating, suffi- 
cient lift can be generated to reduce the gear loads in turning, pivoting, 
and taxiing sufficiently to make analysis unnecessary. However, the 
requirement for taxi and takeoff in the fixed-wing mode necessitates con- 
sideration of all the above conditions. 

295 



12 

t 10 

Z o 
St z 

i 
us 

S 
2 
§   4 

«A 

* 

!MAX 
1 STROKE 

8 12 
STRUT STROKE-IN. 

16 20 

Figure 146.     Landing Gear Capability - Fixed-Wing Mode. 

296 



Takeoff from sloping terrain is in accordance with a programmed sequence in 
which the pilot first applies collective pitch to obtain a lift of at least 
W/3, followed by cyclic control input to bring the vehicle to a level atti- 
tude. The collective pitch is then increased and the cyclic pitch reduced 
to maintain the level attitude as the uphill gear load is reduced to zero 
and the vehicle becomes airborne. It is assumed that the vehicle is orien- 
ted so that its longitudinal axis is normal to the direction of the slope. 
The CRA is designed to the requirements for takeoff from a 15-degree slope. 

The maximum hub moment for this condition occurs at the instant that the 
downhill landing gear just clears the ground. 

This condition applies to the helicopter mode; takeoff in the fixed-wing 
mode shall be conducted on level terrain, 

MAIN ROTOR STRUCTURAL REQUIREMENTS 

The main rotor is designed to the following specific requirements: 

a. The main rotor structure is designed to withstand the critical 
flight, landing, and takeoff loads, the criteria for which are 
presented under "Flight Conditions" and "Ground Loading Conditions." 

b. The hub, blades, blade attachments, and blade controls which are 
subject to alternate stresses are designed to the fatigue require- 
ments discussed in Section 3. 

c. The rotor assembly is designed to withstand, at all speeds from 
zero to the maximum transition speed, a design limit torque of 
1.25 times the mean torque for maximum continuous power. 

d5 The requirements for rotor acceleration are those of Paragraph 
3.3.1 of Reference 26. The rotor acceleration loads are those 
developed by the application of 1.5 times the torque developed at 
the military power rating of the engine in 0.1 second. These 
loads are equally distributed to all blades of the rotor. 

e. The rotor assembly is designed to withstand the loads resulting 
from stopping the rotor at the transition speed. 

f. The blades and the hub attacnments are considered to be subjected 
to atmospheric turbulence during the stopping and folding operation. 

TAIL ROTOR STRUCTURAL RETIREMENTS 

In the helicopter and the compound modes of flight, the tail rotor supplies 
the necessary thrust to counteract the main rotor torque and to apply 
directional control forces for maneuvering. 

The tail rotor ihrust for antitorque control is determined for all speeds 
from hover to l60 KEAS. Similarly,increments of tail rotor thrust are obtained 

297 



throughout the helicopter and compound flight modes for directional control 
in yawing and rolling maneuverP. 

The tail rotor is also designed to the requirecent for an abrupt directional 
control displacement at all speeds from zero to l60 KEAS, including hovering. 

The tail rotor system is designed for a transient torque snrge of 1.33 
(mean torque at military power). 

At transition, the tail rotor is stopped with the blade collective pitch 
reduced to give zero thrust and minimum drag. In the fixed-wing mode, 
these blades act as auxilia^ fins ^^r which loads are obtained for all 
pertinent conditions. 

POWER PLANT INSTALLATION 

The power plant installation is considerad to be composed of: 

a« Two wing-mounted nacelles, each containing the engine, propeller 
drive shaft, propeller, and gearbox for power drive to the rotors. 

b. The various drive shafts to the main and tail rotor. 

c. The various transmissions and housings. 

Fail-safe and safe-life concepts are applied to the various components as 
required. 

Engine Installation 

The engine mounts and supporting structure are designed to the critical 
flight and ground loading conditions. The f:igine characteristics are given 
in Tables V and XXIV. The data in these tables are applied to each critical 
condition. The engire installation is also designed to the load factors 
1'sted under "Emergency Landing Conditions." 

Propeller 

a. The propellers are designed to the maximum engine output as modi- 
fied by the power required for accessory drive and system losses. 

b. Propeller normal forces resulting from deviation of the thrust axis 
m from the relative wind (pitch and yaw) are determined, considera- 
' tion being given to the inflow velocity as affecced by main rotor 
downwash, wing upwaeh, and fuselage effects. These normal forces 
and associated hub moments are determined by use of an equation 
developed by Hamilton Standard which expresses these values in 
terms of inflow angle, speed, and propeller physical properties. 
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TABLE XXIV.  ENGINE DATA FOR ENGINE MOUNT LOADS 

Engine Weight Installed (With Residual Fuel) 

Engine C.G. Locations 

705 Lb 

FS 287 

wL 109 

BL ±108 

Engine Output 

Rating Military Normal 

Duration 30 Minutes Continuous 

Maximum Shaft Hors-power 3695 3230 

Torque for Rated Power and Speed 1326 Ft-Lb 12^7 Ft-Lb 

Max. Gas Generator Speed-RPM (a) 18230 18010 

Rated Power Turbine Spc-ed-RPM (b) I36OO I36OO 

Engine Rotor Moments of Inertia 

Power Turbine 

Gas Generator 

Engine Static Moments of Inertia (Estimated) 

Ixx 

iyy 

Izz 

0.357 Slug-Ft 

0.601+ Slug-FtC 

7.15 Slug-Ftc 

*4-7.6c Slug -Ftc 

i+9.17 Slug-Ft^ 

Notes:  (a) Maximum allowable transient gas generator overspeed 
limit is I85OO rpm for 10 seconds. 

(b) Maximum allowable continuous output speed for TcA-GE- 
f 12/AAFSS engine is 17000 rpm. 

(c) The transient torque surge factor for design of the 
engine mount is 1. -,15 as cited in Paragraph 3.I3.I 
of ehe T6'4-GE-12 Engine Model Specification E1102. 
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c. Gyroscopic moments are determined for the maximum pitching and 
yawing velocities. 

Transmissions 

The various transmissions, containing the gear drives and distribution sys- 
tems, are designed to the critical loadings in the shafting complex with 
consideration given to vibration attenuation and torque surge. The housings 
are also designed to the inertia loads from critical flight and ground 
loading conditions and those due to emergency loading. Safety devices are 
incorporated to preclude the remaining engine and/or min rotor from driv- 
ing an engine which has failed. The transmission is so designed that the 
remaining engine can drive the propelleis and rotors. 

The main xotor transmission shall be designed for a maximum continuous 
power of U350 hp. 

WING DESIGN CRITERIA 
m 

The wing is designed to the requirements of Reference 27 for flight condi- 
tions (steady state and maneuvering) and for ground loading conditions 
(static and dynamic). These various flight and ground loading criteria are 
discussed under "Flight Conditions" and under "Ground Loading Conditions". 

Since the fuel is carried in the wing, those conditions for which the 
minimum inertial relief results in the highest design loads are treated as 
minimum fuel conditions (10$ fuel). 

In the compound mode where the goal is to reach transition speed as quickly 
as possible, the high-lift (flaps down) configuration is used, the flaps 
being considered full down from takeoff through transition. For this flight 
regime, the lift on the wing and the control power of the ailerons increase 
with q, free-stream dynamic pressure, until, at transition speed, the wing 
assumes the full lift and roll control of the vehicle. Because of the 
partial effectiveness of the wing under these conditions, no critical loads 
will result. 

FUSaiAGE DESIGN CRITERIA 

The fuselage is designed to the critical combination of airloads and inertia 
on the body together with the corresponding wing, main rotor, and empennage 
loads. Consideration is given -0 the cyclic aspects of the loads in 
accordance with the fatigue and fail-safe requirements. 

Fuselage Forebody 

Thi; forebody is subjected to inertia loads both in flight at the design load 
factor of 1+.5 and in dynamic landing. Flight airloads are considered in con- 
junction with the flight inertias. Pressure distribution on the windshields 
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"E obtained as a function of &, ß and q. For groxind loading conditions, 
the nose gear load is introduced along with the fuselage inertia. 

Fuselage Aftbody 

The aftbody is subjected to the same type of air and Inertia loadings as 
the forebody together with compatible loads from the empennage (horizontal 
and vertical surfaces and the tail rotor). 

Fuselage Midbody 

The midbody, for all design conditions, is completely balanced so that the 
local inertia and airloads, when added to the loads from the forebody, 
aftbody, wing, and main rotor, will result In equilibrium about the vehicle 
center of gravity. 

EMPENNAGE DESIGN CRITERIA 

Configuration 

The CRA is designed to fly both as a compound helicopter and as a conven- 
tional fixed-wing airplane. Because of this dual configuration, the tail 
surfaces must be of the conventional type to permit control of the vehicle 
in the airplane mode. The left stabilizer must, in addition, support the 
antitorque tail rotor together with its drive and control mechanism. 

A modified T~tail is used, the horizontal surfaces being attached to the 
fin at a location approximately 6o inches above the fuselage. The design 
loads on the left stabilizer and on the fin must, for this configuration, 
include not only their own individual loadings but also the loads imposed 
by the tail rotor and the horizontal tail respectively. 

Tail Rotor 

The design criteria for the tail rotor are specified in "Tail Rotor Struc- 
tural Requirements". For purposes of empennage design, the critical load- 
ing conditions for the vertical and horizontal tail surfaces require con- 
sistent loads on all components affecting the design. Thus, complete sets of 
loads for all possible critical conditions are obtained. Tail rotor loads 
are therefore obtained not only for the maximum design values but for other 
conditions compatible with the design of the vertical and horizontal surfaces. 

Horizontal Tail 

Compound Mode 

The total horizontal tail surface loads in the compound mode will not 
result in critical loading conditions because (l) the unbalanced pitch- 
ing moments about the e.g. are partly carried by the rotor and (2) the 
maximum positive and negative maneuver load factors are less «nan in 
the fixed-wing mode. 
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However, Loading In the compound mode must be examined to the extent 
that the input from the antitorque rotor affects the fixed surfaces. 
Rotor thrust, in-plane forces, gearbox torques, etc* consistent with a 
given flight condition shall be included in determining the net loading 
on the left stabilizer and on the fin. 

Fixed-Wing Mode 

In the fixed-wing mode, the stabilizer and elevator are designed to the 
requirements of the MIL-A-8860 series specifications. The effects of 
tail rotor inertia and blade airloads in the stopped and feathered posi- 
tion are considered in establishing the loading on the left stabilizer. 

To account ^or aerodynamic stall or buffet, the horizontal tail load is 
distributed by multiplying the airloads on one side of the plane of sym- 
metry by 1,5 and those on the other side by 0.5. This distribution is 
applicable for all flight conditions at or near the vehicle attitude for 
maximum lift coefficient. For all other flight conditions, these multi- 
plying factors are 1,15 and 0.85. 

The elevators are aerodynamic ally balanced. In accordance with para- 
graph 3.1.11 of Reference 27, the maximum torque on the surface is that 
resulting from neglecting the torque due to airloads forward of the 
hinge with the, stipulation that this torque need not exceed that which 
can be supplied by the control system. It is assumed, therefore, that 
the available control system torque governs.  The airloads on the sur- 
face are distributed to give the critical torque on the structure of 
the elevator consistent with the above. 

Vertical Tail 

Compound Mode 

In the compound mode, the essential loads on the vertical tail are those 
due to the horizontal tail and tail rotor. The vertical tail surfaces 
are thus designed to the requirements of flight in the fixed-wing mode. 

Fixed-Wing Mode 

The requirements of MIL-A-8860 series specifications are applicable to 
the vertical tail surfaces when flying in the fixed-wing mode. For the 
design conditions, compatible loads from the horizontal tail surfaces, 
Including loads on the stopped tail rotor, are applied at the 
stabiliser-fin Junction. 

The maximum torque on the rudder is that obtained from the control sys- 
tem. This is similar to the requirements for torque on the elevator as 
discussed above. 

The spanwise airload distribution on the vertical tail surfaces reflects 
the end plating effect of the fuselage and the horizontal tail. Essen- 
tially, the distribution is two-dimensional between these surfaces. 
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CONTROL SYSTEM 

The same primary control system in the pilot*s compartment activates the 
conventional control surfaces for eechmade of flight. A linkage is provided 
whereby the cockpit controls whicu operate the cyclic and collective pitch 
on the main rotor and the collective pitch of the tail rotor during compound 
flight are used to operate the fixed-wing movable control surfaces. This is 
accomplished at transition by moving the linkage in such a manner as to deacti- 
vate the helicopter controls and provide continuity of the pilot control 
motions to the fixe!-wing movable surfaces: ailerons, elevator, and rudder. 

The control system is designed to meet the requirements of Paragraph 3'5 of 
Reference 26 and Paragraph 3-7 of Reference 31 foi the compound and the 
fixed-wing mode, respectively. 

Compound Mode 

Main Rotor Controls 

Cyclic 

Forward or aft 200 lb 

Lateral 100 lb 

Collective 150 lb 

Tail Rotor Controls 300 lb 

Fixed-Wing Mode 

Longitudinal 200 lb 

Lateral 100 lb 

Directional (Pedal) 300 lb 

Common Controls 

Brake 300 lb 

Crank, Wheel, Lever 
3 50 (Range: 50 - 150) 

Twist Control 133 in.-lb 

Dual Control Requirements 

Seventy-five percent of the above loads shall be applied at each of the 
control stations sirniiltaneously. 
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PJMEKGENCY LANDING REQUIREMENTS 

Item-, Hazardous to Personnel 

Items in this category are those mass items which would "be apt to injure 
personnel if> they became loose in the event of a minor crash landing. These 
ir^lude such items as cockpit equipment, transmission housing, etc. The load 
factors are ULTIMATE and act in the combinations shown in Table XXV. 

&eat Installations 

In lieu of an applicable seat specification, the following ULTIMATE load 
factors shall apply. The specified load factors shall act separately. 

longitudinal load factor = 20g acting forward of all azimuths within 
% * 20 degrees of the longitudinal axis 

Vertical load fac+or    = 10g directed downward normal to the 
longitudinal axis. 

FATIGUE LOADING CRITERIA 

Intended Use of Vehicle 

The approach to the subject of fatigue analysis of a new vehicle starts with 
careful consideration of the intended use oi the vehicle. Since the CRA. is 
basically a research vehicle, the flight and ground test program plans will 
outline the intended vehicle use. The Lockheed flight test program covers 50 
hours of,flying for each of two aircraft. A careful distribution of selected 
flight test missions over the remainder of the 200 hours, based on experience 
with previous development programs, completes the miseion analysis. 

TABLE XXV. EK3RGENCY LANDING LOAD FACTORS 

lix n 
y 

nz 

-8.0 0 -1 .5 

+1.5 0 -1 .5 

0 ±1.5 -1 5 

0 0 -k • 5 

0 0 +2 .0 
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Examples of preflight missions are: 

Whirl tower test 

Tie-down test 

Preflight check 

Tixi in rotorcraft configuration 

Taxi iri fixed-wing configuration 

Examples of flight missions are: 

Preliminary rotorcraft test 

Preliminary fixed-wing test 

Transition rotorcraft/fixed-wing test 

Structural load measuring flight test 

Complete mission flight test program 

Ferry mission 

An account of the number of events where ground-air-ground cycles occur is 
added for each mission. 

Each mission is subsequently divided into specific loading conditions 
according to the time spent in these conditions and the number cf occurrences. 
Finally, a condition list is compiled, listing the time and occurrences of 
each loading condition contained in all the missions. 

Loading Conditions 

Most of the loading conditions can generally be presented as static loading 
conditions, from which the structural loads and stresses in the components 
can be derived by conventional methods. Many loading events, however, can 
be analyzed only dynamically; for instance, landing conditions, pull-up 
maneuvers, and generally all transient maneuvers. For those loading condi- 
tions, it is necessary tc consider the load di stributi on within the tfme span 
of the event. For some loading conditions, the flight test results show a 
relationship of loading with one of the flight parameters. For example, 
flapwise bending of the rotor blade increases with pitching acceleration. 
The available control power is directly related to the maximum pitching 
acceleration obtainable, and the pitching acceleration actually experienced 
is thus dependent on the control input of any of the pitching conditions. 
A probability distribution of pitching accelerationderived from publications 
on various aircraft maneuvers, shown in Figure ll+7, is used co evaluate the 
loads content of these conditions in the total flight time. 
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Figure lk7.    Probability Distribution of Events by Pitching Acceleration. 
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Consideration of the variations involved in defining the loading conditions 
according to the speed ranges, ranges in center of gravity, gross weighc, 
rotor rpm, and so on, show a rapid expansion of the total number of loading 
conditions to be processed for the fatigue analysis. 

The transition from rotorcraft to fixed-wing aircraft can be described by a 
number of individual loading conditions, which are expanded for such variables 
as the rotor rpm range from normal to stop and back to normal, the azimuth 
folding angle range, and the e.g. shift during folding and stowing. 

A few more conditions are listed without their expansion in order to cover 
the scope of the subject more broadly. These are: 

Ground Conditions 

Rotor on-off, on-idle-on 

Ground-air-ground cycles 

Maintenance runs 

Preflight check runs 

Taxi runs (including fixed-wing configuration) 

Takeoff and landing on a slope 

Flight Conditions 

Autorotation, including maneuvers and landing 

Flare 

Left and right turns 

One-engine performance tests 

Flap extension and retraction tests 

Control reversals 

Sideward and rearward flight 

Acceleration tests throughout the speed range 

Descent with varied power setting 

Many of the maneuvers in the rotorcraft configuration are accomplished with 
a combination of collective and cyclic control inputs. Hence, some distribu- 
tion of time between these inputs must be established. This distribution 
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will probably be dependent on forward velocity. The same consideration 
applies to the lift distribution between rotor and wing. 

The complete condition list will contain all loading conditions required to 
demonstrate the requirements of the design V-n diagram. The corresponding 
distribution of time and events will result from careful consideration of 
the flight test program. 

Design Loading Spectra 

The loading conditions discussed under "Loading conditions" are used for 
structural load calculations for the various vehicle components. Consider- 
ing the time spent at each event, the loads pertinent to each part are 
combined in a fatigue loading spectrum, which forms the basis for subse- 
quent cumulative damage calculation of the component. Each part must be 
surveyed by analysis or visual inspection to determine those locations 
most susceptible to fatigue damage. Dependent on the specific structural 
function of the part, or the particular location of interest on the part, 
either a single load or stress or a combination of loads or stresses must 
be considered. A separation of mean and varying loads is always made. Con- 
sideration is also given to angular and phase relationship. 

After some initial grouping, a pattern of better defined loading groups 
will emerge. A first grouping by load similarity may, for instance, com- 
bine most of the level flight conditionsa including some of the less severe 
maneuvers (see Figure lU8a). The second grouping may contain most of the 
more severe maneuvers (see Figure lUBb). The maneuvers of extreme severity 
could be contained in a third grouping, as shown in Figure ll+8c. 

Figure lU8d shows the combination into one spectrum for groups one, owo, 
and three discussed above. 

A mean load level may be entered for each of these spectra. 

The previous discussion of simple spectra applies generally to those of 
more complex nature, where a multiple of loads and moments, and position 
of the part with respect to those loads, must be considered simultaneously. 
In such case, the spectrum is most conveniently presented in tabular form, 
as illustrated in Figure lU8e, accompanied by a schematic presentation of 
mean and varying loads, shown in Figure IkSf. 

Structural Component Fatigue Analysis 

For the majority of the structural components, a formal fatigue analysis 
will be made, based on established S-N curves, and aided by experience 
gained from previously developed rotorcraft vehicles. The predicted life 
is based on Miner's Cumulative Damage Theory. 
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SECTION lli 

STRUCTURAL DESIGN LOADS 

ROTOR DYNAMIC LOADS DETERMINATION 

r'orward Flight 

Rotor loads In forward flight are computed using two digital computer 
programs. One of these programs is an airloads program used to obtain 
the distribution of airloads on the blade and to obtain brimmed conditions 
for the vehicle when required. The other program is used to find the 
dynamic response of the rotor system to these airloads. These programs 
can be used either separately or combined. 

Airloads Program 

Aerodynamic expressions for rotor thrust, torque, pitching and rolling 
moment, and forward and side force are developed, assuming that the blades 
are infinitely stiff. The program permits a choice of up to four of these 
resultant loads to be trimmed. In trimmed forward flight with power on, 
these will be forward force, vertical thrust, and pitching e.n<? rolling 
moments. An iteration procedure is used to find the control angles and 
attitude of the vehicle in the trimmed position. 

The aerodynamic input determines the radial distribution of aerodynamic 
loads at the selected azimuth, station and the azimuthal distribution, in 
harmonic form, at the selected radial stations. The blade loading at any 
radial station and azimuth position is obtained using the actual CL and Cp 
data versus angle of attack and Mach number. 

The output of this program consists of a harmonic analysis- of airload 
distributions in the trimmed or given condition and a harmonic analysis of 
airloads due to blade flapwise, inplane, and torsional response. 

Dynamic Response Program 

The equilibrium position of the blade in the centrifugal force field under 
the steady-state part of the airloads is computed by an iteration proce- 
dure in which the nonlinear effects are included. The coupled response of 
the blade to the oscillatory part of the airloads is computed for each 
harmonic separately, using linearized equations based on the equilibrium 
position under steady load. 

The oscillatory response of the blade is used to obtain the harmonic 
inertia forces (normal and parallel to the chord plane and moment in the 
plane of the bl&de elements). The inertia forces are added to the air- 
loads, and the net flapwise and inplane bending moments and the net 
torsion due to the combined airloads and inertia loads are computed. 
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Correlation Wich Flight Test Data 

Correlation with flight test data has indicated that loads can be obtained 
with sufficient accuracy using a linearized dynamic loadd program. Itera- 
tion by means of feedback of the blade response into th» airloads results 
in further refinement of the analysis. 

These programs will Le used to ietermine rotor loads in trimmed flight and 
during steady maneuvers. A modification of these programs will be used to 
determine the gust response. 

Application of Programs to the CRA 

For the 1.0 g conditions, the control inputs are derived from trimmed 
conditions for the vehicle. The distribution of lift between wing and 
rotor is shown in Figure lUQ. 

The airloads on the blade account for a variation in inflow distribution 
related to lift distribution as well as for lift loss and for reverse flow 
effects in forward flight. 

Conditions with maximum load factor on the rotor are obtained as follows: 

In vertical flight, starting with 1.0 g trimmed condition (hover), the 
collective control angle is changed to its maximum value of 15 degrees. 

In forward flight, starting with 1.0 g trimmed conditions, the angle of 
attack is increased to a point where both rotor and wing are stalled. The 
angle of attack of the rotor is taken at +15 degrees, and the resulting 
load distribution is computed. 

The changes in collective angle or rotor angle of attack result in unbal- 
anced roll and pitch moments. In the present preliminary analysis, these 
moments are dealt with using the following simplifying assumptions: 

a. The pitching moment of inertia of the rotor is negligible 
compared with the pitching moment of inertia of the vehicle 
minus rotor. As a result of this assumption, the unbalanced 
pitching moment acts on the vehicle minus rotor only, and no 
additional inertia forces on the rotor occur due to vehicle 
pitching acceleration. 

b. The rolling moment of inertia of the vehicle is negligible com- 
pared to the gyroscopic inertia of the rotor. As a result cT 
thxs assumption, the unbalanced roll moment is reacted by gyro- 
scopic forces on the rotor blades. These gyroscopic forces are 
due to angular velocity of the axis of rotation and are added to 
the airloads on the blade. 
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In the accelerated vertical flight conditions, the maximum rotor thrust 
is obtained using maximum collective angle of attack. ThU results in a 
condition in which the rotor rpm cannot be maintained with the available 
horsepower.  Conservatively, it was assumed that U.000 hp is available to 
drive the main rotor. This determines the torque applied to the rotor and 
the rate of deceleration of the rotor, dfl /dt. This deceleration results 
in inertia forces on the blade elements which are added to the airloads. 

Stopped Rotor Loads 

As the rotational speed of the main rotor approaches zero at the transition 
speed of the vehicle, the technique of analytically determining the forces 
acting on the blades differs from that used in the helicopter mode. The 
determination of stopped rotor blade loads for various azimuth positions 
at the transition speed requires the use of a digital computer program 
utilizing an iterative procedure to obtain the equilibrium position of the 
blades consistent with the blade aeroelastic characteristics. 

The blade element loading is assumed to be comprised of two distinct types 
of aerodynamic loads resulting from the components of forward speed 
resolved normal and parallel to the blade span. 

The local spanwiae blade element angle of attack acted on by the velocity 
cosqponent parallel to the blade is assumed to be composed of the spanwise 
flexure slope, the resolution of the rotor angle of attack as a function 
of the blade azimuth position., the upflow angle due to the interference 
of the body on the free-stream velocity, and the upwash/downwash gradient 
due to wing lift. The aerodynamic load due to the component of velocity 
parallel to the blade span is obtained by considering the blade to be a 
low-aspect-ratio flat plate at the angle of attack as determined above. 

The load is assumed to act at the 50-percent chord position, thus produc- 
ing a nose-down feathering moment when the blade is located at azimuth 
positioni between 00 degrees and 270 degrees. 

The local blade element angle of attack acted on by the velocity component 
normal to the blade consists of the collective and cyclic pitch, the 
resolution component of the rotor angle of attack, the upflow angle 
due to body interference, the upwash/downwash gradient due to wing lift, 
and the torsional elastic effect. This loading is assumed to act at the 
25-percent blade chord for the blade locations between rotor azimuth 
0 degrees and 180 degrees and at 75-percent blade chord for rotor azimuth 
positions between löO degrees and 360 degrees. 

The aeroelastic equilibrium of the blade is established b.y an iterative 
process in which the local change in blade slope between two successive 
evaluations is compared. Equilibrium is assumed to exist when the change 
in slope is less than 0.0001 radian between successive evaluations. 
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This method for determining the loads  in the blades when the rotor is 
brought to rest has been compared to test results obtained in the wind 
tunnel on an 8.2U-foot-diameter model of a two-bladed rigid rotor (Refer- 
ence 33) and on a 33.0-foot-diameter full-scale model of a three=bladed 
rigid rotor.    The correlation with wind tunnel test data indicates that 
stopped rotor blade loads can be obtained with a good degree of consistency. 

COMPONENT LOADS 

The design loads on the following components are presented: 

• Main Rotor 

w   Tail Kotor 

• Wing 

• Fuselage 

• Empennage 

• Nacelle 

• Landing Gear 

• Transmission 

• Rotor Stowage Doors 

These loads, except for the landing gear reserve energy drop conditions, 
are LIMIT and are representative of the critical design loading conditions* 

i 

Main Rotor Loads 

Three sets of main rotor lc ds are presented. The first set constitutes 
the net loading on the blades resulting from flight in the helicopter/ 
compound mode with the rotor turning at rates within its prescribed limits. 
The second group of loads comprises those occurring at transition with 
the rotor brought to rest (including very low speeds at which the centri- 
fugal forces are negligible). The third gives the hub cement and blade 
loads associated with takeoff from a 15-degree slope. 

Helicopter/Compound Mode 

The blade mass and stiffness distribution used in the calculation of the 
blade response to the various loading conditions is given in Figure 1^9* 
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The response of the blade to various harmonic inputs as shown in Fig- 
ure 150 indicates that within the rpm range of interest, resonance 
will not occur. Centrifugal force versus blade station is given in 
Figure 151. 

Figures li>2 and 153 show typical flapwise and in-plane momenta and 
torsiori variation with blade azimuth position. Although these are shown 
for hover and 100 KEAS, they are similar for other conditions. 

The following sets of curves (Figures 15*+ through l6l) present steady- 
values, maxima an< minima of flapping and in-plane bending "nments, and 
torsion for the design conditions at various load factors: 227 rpa, 
239 rpm, and 265 rpm; 7.0-inch center-of-gravity offset; and the basic 
design weight of 2^,500 pounds. 

Stopped Rotor Loads 

Flapvj.se and in-plane bending moments and torque (feathering moments) 
are presented for two transition speeds used for structural design (l*+0 
and l60 KEAS). These curves (Figure l62 through I67) are in parametric 
form to permit determination of the loads for a range of angles of 
attack and collective pitch. For transition, the value of collective 
pitch is zero and the corresponding angle of attack is approximately 
2.5 degrees. However, to allow the pilot a reasonable tolerance in con- 
trol system actuation and to evaluate the effect of gust on the blades 
(considered as incremental angles of attack), the collective pitch 
range is taken as C degrees to k  degrees and the angle-of-attack range 
is taken as from 0 degrees to 10 degrees. By interpolative procedures, 
loads for any combination of these two angles may be obtained. The 
loads are determined at Blade Station 21.6. 

Slope Terrain Takeoff 

The rotor hub moments developed in takeoff from a 15-degree slope are 
obtained from the following expression, which accounts for rotor thrust, 
landing gear characteristics, and center of gravity offset: 

*H   "    h   +  «H 

Ry     « S^ -111 V 11      i+4-Ch + hjl K8 <h + VI 
sir   e   + e) s 

) 

(Jfi + n) w cos (es + e) -^T] W£ 
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Figur« 150. Main Rotor Coupled Blade Frequencies - 9 = 0.15 RAD. 
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100 ISO 200 250 

BlADE STATION -IN. 

Figure 15k.    Main Rotor Bending Momente and Torsion 
1.0 g,  Hover, 227 RPM. 
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100 200 

BLADE STATION-IN. 

Figure 155- Main Rotor Bending Moments and Torsion 
1.0 g, V = 100 KEAS, 227 RH*- 
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Figure 156.    Jfeln Rotor Bending Moments and Torsion 
1.0 g, Hover, 265 MM- 
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100        200 

BLADE STATION - IN. 

Figure 157 • Main Rotor Bending Moments and 'Cor a ion 
i.O g, V - 100 KEAS, 265 RPM. 
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100 200 

BLADE STATION -IN. 

Figure 158.    Main Rotor Bending Moments and Torsion 
1.49 g, Hover, 227 R*M« 
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Figure 159.    Main Rotor Bending Moments and Torsion 
1.93 g, V = 100 KEAS, 227 RFM. 
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100 200 

BLADf STATION-IN. 

Figure l60.    Jtein Rotor Bending Moments and Torsion 
1.88 g, Hover, 265 HM. 

326 



20r 

z 

10 

5 
o 
z 
z 
5   0 

W-24500 
V MOOKEAS 
n  -2.23 
RPM-265 

-10L 

100        200 

BLADE STATION -IN. 

Figure 161. Main Rotor Bending Moments and Torsion 
2.23 g>  V «= 100 KEAS, 265 RIM. 
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ILAOC AZIMUTH POSITION-DEO 

Figure l6h.    Main Rotor Flapwlse Bending Moments 
Rotor Stopped at V = 1^0 KEA.S. 
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HAD€ AZIMUTH POSITION - OEG 

Figure 165.    Main Rotor Flapvise Bending Moments 
Rotor Stopped at V = 160 KEAS. 
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COMPRESSION AT T.t. i$ POSITIVE 
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HADE AZIMUTH POSITION * DEG 

Figure 166.    Main Rotor Inplane Bending HomentB - 
Rotor Stopped at V = 1^0 KEAS. 
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120 150 180 210 240 
HACK AZIMUTH POSITION - 0€G 

Figure l67s    Main Rotor Inplane Bending Moments - 
Rotor Stopped* at V = 160 KEAS. 
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where 

L, * Rotor hub rolling moment (in.-lb) 

Mj. « Rotor hub pitching moment (in,-lb) 

Rj. » Maximum rotor hub moment (in,-lb) 

KQ - Rotor stiffness = l,775s36o ft-lb/radian 

T = Rotor lift/blade = 8167 lb 

W = Gross weight = 2^,500 lb 

h  = Distance between waterline through e.g. sind ground line at 
the uphill main landing gear = 7.1&7 ft 

h  = Distance between waterline through e.g. and rotor hub -  5 ft 

£  * Longitudinal e.g. offset with respect to the rotor 
shaft ■ 0,608 ft 

t     « Landing gear tread = 10 ft 

n  - Lateral e.g. offset with respect to the rotor shaft = 0 feet 

6  ■ Angle formed by the attitude of the vehicle vith the ground 
plane when the downhill main landing gear just clears the 
ground = -2.9 degrees 

6  ■ Angle of ground line with the horizontal = 15 degrees 

Substitution of the values of the various terms into the equation 
results in a rotor hub moment of 1,301,500 in.-lb. The spanwise dis- 
tribution of hub moment into the blades is shown in Figure 168. This 
distribution is accomplished by adding and subtracting, from the steady 
blade bending, two-thirds of the maximum hub moment times the first 
mode flapping distribution curve shown in Figure 169. The steady flap- 
wise bending moments are based on a rotor lift of 8167 pounds/blade 
(one-third of the design gross weight). 

Tall Rotor Loads 

The t*il rotor loads are shown in Figures 67, 68, 170 and 171. The span- 
wise distribution of inplane and flapping moments is shown for the con- 
ditions giving the highest loads: hovering flight at maximum thrust and 
hovering flight for overspeed. The curves are presented in parametric 
form for those values of collective pitch (or its equivalent: thrust). 
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120 150 180 210 240 
ILAOC AZIMUTH POSITION - DEG 

Figure 168.    Main Rotor Feathering Moments • 
Rotor Stopped at V * 3.1+0 KEAS. 
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NOSE-DOWN MOMENT IS POSITIVE 

120 ISO IbO 210 240 
HADE AZIMUTH POSITION - DEC 

figure l69.    Main Rotor Feathering Moments - 
Rotor Stopped at V * l60 OAS. 
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PART 7 

HYDRAULIC AND MECHANICAL SYSTEMS 

SECTION 15 

HYDRAULIC SYSTEM 

Conventional 3000-psi hydraulic systems are used to take advantage of the 
reliable components that are available and to minimize development 
problems. 

The power necessary for operation of the "helicopter mode" flight controls 
is provided by two completely separate hydraulic systems to assure the 
integrity and reliability of the controls. Hydraulic power is not required 
for operation of the "fixed-wing mode" flight control system. 

The two hydraulic systems, designed substantially in accordance with 
Specifications MIL-H-5V+OD and SD-2W (Figures 172 and 173), are indepen- 
dent actuating systems, since a failure in one system will not adversely 
affect the functioning of the other system. 

The flight control hydraulic system consists of a hydraulic power package 
which, with a second pump, supplies hydraulic power tr the roll, pitch, 
yaw and collective servo actuators, pitch-bias and roll-bias actuators, 
propeller-pitch actuators, and flap-drive motor. A 7.5-gpm-at-8200-rpm 
variable displacement pump iu the power package powers the flight control 
system and is driven by the tail rotor accessory gearbox located at the 
rear beam of the wing. 

The second 5.0-gpm-at-70O0-rpm variable displacement pump in the flight 
control system augments the flow requirements for the propeller pitch 
actuators in both helicopter and airplane modes. The pump is located on 
the gearbox at the intersection of the pylon and cross shafting. 

The power normally supplied by the hydraulic power source for the roll, 
pitch, and collective servo actuators, propeller-pitch actuator, pitch- 
and roll-biae actuators, and a second flap-drive motor. The utility sys- 
tem also furnishes hydraulic power to the landing gear system, engine- 
starting system, rotor-stopping control systeo, rctcr blade shear pin 
positioning system, rotor blade folding system, and rotor transmission and 
forward doors positioning system. 

The utility system is powered by an l8.5-gpm-at-700-rpra variable displace- 
ment pump ;n the hydraulic power package mounted on the lie. 2 propeller 
gearbox. 

The roll, pitch, and collective flight control serves, propeller-pitch 
actuators, and roll- and pitch-bias actuator systems can be powered by 
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either hydraulic system, thus providing the necessary system redundancy. 
The roll, pitch, and collective servo actuators are mounted on the rotor 
transmission housing and are controlled from the cockpit by the pilot. In 
the helicopter mode, the three servo actuators, through control linkages, 
change the rotor blade pitch angles. The propeller pitch actuators are 
located in the respective propeller hubs. 

The yaw flight control servo actuator is powered by the flight control 
hydraulic system pressure only. The yaw servo actuator is mounted in the 
horizontal stabilizer and is controlled from the cockpit by the pilot. In 
the helicopter mode, the servo actuator, through control linkages, changes 
the tail rotor blade pitch angle. 

The flap positioning is powered by either hydraulic system, thus providing 
redundant power to the hydraulic flap motors. 

The rotor-stopping control and blade pitch-bias control are powered by the 
utility hydraulic system. 

The rotor blade shear pin positioning system is powered by the utility 
hydraulic system. 

The rotor blade folding system is powered by the utility hydraulic system. 

The rotor transmission positioning system is powered by the utility 
hydraulic system. 

Each of the engine-starting motors is powered by the utility hydraulic 
system for in-flight operation. In addition, the engine starter motor on 
the No. 2 engine may be driven en the ground from the ground hydraulic 
cart. 

The landing gear system is powered by the utility hydraulic system. 

The propeller pitch positioning system is powered by redundant hydraulic 
•ystem pressures. 

The manual wheel brake system is po ered by the rudder toe pedal force 
actuating the master brake cylinders on the rudder pedal linkage. 

Operation of either the pilot's or the copilot's right or left rudder toe 
pedal relays hydraulic pressure to a left or a right main landing gear 
whsel transfer valve and through to the brake cylinders. Either the pilot 
or the copilot can steer the vehicle on the ground by applying the brakes 
on the right or left landing gear wheel. 
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Figure 173. Hydraulic Systems Components Arrangement 
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SECTION l6 

MECHAHICAL SYSTEMS 

LANDING GEAR 

A tricycle arrangement -was decided upon as the most suitable configuration 
for this type of vehicle. This arrangement provides for maximum stability 
during ground handling and for versatility in operation either in the 
helicopter mode or as a conventional airplane in the fixed-wing mode on 
standard runways. The landing gear operating cycle is accomplished in less 
than 10 seconds. 

Operation 

Control of the landing gear is normally exercised by the manual operation 
of a lever, terminated in a -wheel-shaped knob, mounted on the center con- 
sole.  Operation of the gear through all ranges is as follows: 

The landing gear control lever is held in the down position by a spring- 
loaded lock pin. This pin is removed from the lock position by an 
electrical solenoid, which is energized by a switch actuating to the 
closed position upon removal of the aircraft's weight from the gear. This 
allows the lever to be placed in the UP position, thereby actuating a 
switch which energizes a hydraulic control valve solenoid. The opening of 
this valve releases hydraulic power, which actuates the gear to the 
retracted position. 

Three indicator lights are provided, one for each "leg," to indicate when 
the landing gear is down and locked. Two additional indicator lights are 
also provided, one for the nose gear and one for the main gear, which are 
illuminated if the gear is not fully retracted and correctly stowed. 

Main Landing Gear 

The main landing gear structure consists of a shock strut assembly 
mounting; a wheel, brake, and tire; a drag strut; a lateral strut support- 
ing the top of the shock strut; a main structural leg; a retraction sys- 
tem; locking devices; a transverse I-beam connecting right and left gears; 
and closure doors. The gear assembly is a cantilever type, hydraulically 
operated, which retracts inward and upward to a position under the cargo 
compartment floor. The fuselage is not wide enough to retract the gear 
straight in, normal to the aircraft centerline.  An unusual linkage system 
positions the wheels, when retracted, to an approximate tandem position. 
A manual emergency release system is provided for use in case of failure 
in the electrical or hydraulic systems. When retracted, each main gear is 
enclosed by doors. 

Towing and jacking provisions are provided on the main landing gear shock- 
strut and leg assemblies. Shock-strut servicing fittings are located at 
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the top of the strut and are readily accessible.  The MLG shock strut has 
a stroke of 10 inches, and it is designed for a limit sinking speeds of 
8 fps. The complete gear is attached at four points on the fuselage and 
is removed as a unit. Right and left gears are identical. The shock 
strut utilizes a 28 x 9:00, 26-ply rating, pneumatic tire, mounted to a 
compatible brake and -wheel assembly. The two gear actuating assembly 
units are identical, each side, and are removed as complete units. Actua- 
tion is through a splined shaft that slips into the main gear leg pivot 
shaft. 

A coil spring in the head of the actuating cylinder forces the gear out to 
the locked-down position in emergency operations. 

The two gear up- end dovn-lojk assemblies are identical, each side, and are 
removable as complete units. The unit is connected by a splined shaft to 
the main gear leg pivot shaft. The locks are of the latch type, spring- 
loaded through the hydraulic actuating cylinders. Due to the geometry of 
the gear, the wheels move toward each other when extension is started. 
Interference would result if gears were extended at equal rates. When 
operated by emergency manual extension, the left up lock is released; 
when the gear enters the down-locked position, a cable from the left down 
lock system releases the up lock on the right gear. With normal retrac- 
tion and extension, interference of tires is eliminated by the incorpora- 
tion of flow control valves and restricted check valves in the hydraulic 
system. An electrical switch is mounted on the antitorque scissors at the 
shock strut. The switch is connected to a solenoid on the gear control 
lever in the flight station. A pin locks the control until the shock 
strut is fully extended. 

Nose Landing Sear 

The basic nose \anding gear, consisting of shock-strut assembly, drag 
linkage assembly, torque arm assemblies, and retraction actuator assembly, 
is identical to that used on the C-l*40 currently in production. 

Since no steering is required on the CRA, the steering mechanism and 
related plumbing have been removed. In their place, a shimmy damper of 
the viscous type is attached to the shock-strut cylinder assembly and 
linked to the existing swivelled steering collar. To ensure proper 
functioning of the uplatch and downlatch mechanisms, particular care is 
given to maintaining the same retraction geometry as used on the C-lto in 
adapting the nose wheel to this application. 

The gear is of the conventional type, consisting of a piston assembly 
operating in a cylinder under a pressure head of air and oil. In opera- 
tion, oil is metered from one chamber to another through an orifice. Upon 
full extension of the piston, prior to gear retraction, alignment cams 
within the cylinder automatically center the piston and wheels with the 
wheel well. The wheels are supplied with 10 x l+.U-12-ply type VII tires 
which are readily available. 
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The uplatch and downlatch are both integrated with the drag link assembly. 
These latches are actuated by locating the hydraulic actuator cylinder in 
a manner to unlatch the gear from its down position upon the initial 
retraction of the cylinder just prior to retraction of the gear. Like- 
wise, the uplatch is released just prior to gear extension by the initial 
extension of the hydraulic retraction actuator. 

Gear-up and -down positions are signaled by micro-type electric switches 
appropriately arranged to open and close the required circuits. A rubber 
bumper is provided on the upper drag strut tc absorb the shock cf retrac- 
tion against the structure. 
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PART 8 

EMERGENCY SYSTEMS AND PROCEDURES 

SECTION 17 

EMERGENCY SYSTEMS 

The crew escape system incorporated in the CRA specifically for emergency 
conditions consists of the flight-crew ejection seats and the emergency 
exits. 

An extensive trade-off study hap "been conducted to determine the emergency 
egress system applicable to the CRA for the flight envelope of the research 
program, and to determine the feasibility of a zero-zero ejection seat. The 
principal areas of consideration for the study are: 

• Available systems 

• Applicability of system to different modes of flight 

• Safety during evacuation 

• Flight envelope for the research program 

• Amount of flight test time in different modes 

• Relative hazard associated with different modes 

• System costs 

EMERGENCY SYSTEM DETERMINATION 

The basic flight envelope of the research program will be to takeoff and 
climb to conversion altitude in the helicopter mode; to convert to fixed- 
wing mode; to operate in the fixed-wing mode (at cr above the conversion 
altitude); to convert to helicopter mode; and to descend and land in the 
helicopter mode. Additional flight testing and evaluation flights will be 
conducted outside of this basic envelope. 

The aircraft operates both as a helicopter and as a conventional fixed- 
wing airplane. Therefore, existing upward ejection systems will not pro- 
vide emergency egress throughout the flight regime of the research program. 
Consequently, the request, of the study contract Statement of Work, to 
provide a qualified zero-zero ejection seat cannot be satisfied *n total. 
Aa & result, it is necessary to determine which emergency escape system 
will provide the flight crew with the maximum protection possible for the 
research program. 
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Tc permit a comprehensive evaluation of the problem, the following mua*- be 
analyzed: 

• Type and amount of flight testing, in the different modes, with 
a relative index of the hazard associated with the various 
conditions. 

• Type of emergency egress systems applicable to the different modes 

A tabulation of the various flight conditions with corresponding amount of 
flight time for each condition (based on a total test program of 100 hours) 
is shown in Table XXVI. The relative hazard index for these flight condi- 
tions is also shown in Table XXVI. 

The determining factors for these data are summarized as follows! 

• The CRA will operate in the fixed-wing mods for a total of 
kk.O hours. Of this time, 36,2 hours will be above an altitude 
of 2,000 feet (with minimum altitude of 2,000 feet required for 
downward ejection). Therefore, the only conditions where 
ejection is not possible in the fixed-wing mode are during 
takeoff. landing, and clurib or descent- The aircraft will be 
flown for 5.9 hours under these conditions, with the objective 
of demonstrating the takeoff and landing capabilities of the 
aircraft in the fixed-wing mode. This takeoff and landing 
demonstration will be accomplished after the aircraft has been 
flown at altitude in the fixed-wing mode, since initial takeoffs 
and landings will be accomplished in the helicopter mode. This 
manner of testing will provide detailed knowledge on handling 
characteristics of the aircraft, 

• The CRA will be operated in the helicopter mode for a total of 
36.0 hours, of which 21,6 hours will be above an altitude of 
2,000 feet. As in the case of the fixed-wing mode, the conditions 
during which ejection is seriously compromised in the helicopter 
mode include taking off, landing, or climbing or descending for 
the range of altitudes from 0 to 2,000 feet. The aircraft will 
be flown ik.k hours under these conditions. The initial investi- 
gation of the handling characteristics in the helicopter mode 
will be accomplished close to the ground, where an ejection system 
is not necessary, since the helicopter is capable of autorota- 
tional landing. An ejection system would not be effective for 
this type of flying, since the reaction time would not permit 
activation before the aircraft would contact the ground. The 
autorotational capability also applies to the helicopter regime 
for takeoff, landing, and climb or descent from 0 to 2,000 feet. 
Above 2,000 feet, either autorotational landing or downward 
ejection would be effective for emergency conditions. 
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TABLE XXVI. EMERGENCY EGRESS MTA 

Height Speed Time Hazard Type of* 
Mode Condition (Ft) (Knots) (Hr) Rating Ejection    | 

Hover-Taxi 0-50 up to 30 5.5 11.0 None 
Hover-Taxi 50-150 up to 30 1.0 2.0 None 

ps Forward Flight 0-150 30 to 160 1.3 1.6 None 

1 I Forward Flight 150-2000 Hover to l60 1.8 3.6 None 
Climb 0-200C 30 to l60 1.0 2.0 None 

H
EL

IC
 

Normal > 2000 Hover to 160 21.6 U3.2 Down 
Approach 150-0 160-0 1.0 2.0 None 
Landing 0 30-0 0.5 1.0 None 
Autorotation 0 and up 0 to 160 

Subtotal 

1.8 3.J None or Down 

36.0 72.0 

Rotor Slowing >2000 lUo 1.8 18 Down 

g Rotor Stopped >2000 1U0-160 5.0 50 Down & Up 

1   g Rotor Folding >2000 1U0-160 1.6 16 Down & Up 
Rotor Folded >2000 1U0-160 5.0 50 Down & Up       1 

5 Rotor Stowing >2000 1U0-160 1.6 16 Down & Up        I 

H Extending Rotor >200O 1I4O-160 1.6 16 Down & Up 

Rotor Unfold ^2000 1I40-160 1.6 16 Down & Up 

Rotor Start >2000 1U0-160 

Subtotal 

1.8 

20.0 

18 

200 

Down 

Running 0 0 .5 .5 Up 
Takeoff 0-5000 °-vciimb .5 .5 Up 

S climb 500-2000 ^climb 2.2 2.2 Up 

1 s 
Normal > 2000 vstall-vmax 36.2 36.2 Down & Up       ] 
Approach <2000 vapproach 2.7 2,7 Up 

< Land 0 1.2 Vstall .5 .5 Up 
Taxi 0 Taxi 

Subtotal 

l.fc l.U 

UU.O 

Up 

UU.o 

No. of flight hours when upward ejection is possible -    50.k hr 
No. of flight hours when downward ejection is possible =    77.8 hr 
Time in most hazardous condition =    20 hr 
t of time downward e.le ction poss ible, during most hazardous 
condition =     100% 
"Based on existing,  qualified e^ ection seat systems 
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•  Handling characteristics of the aircraft in the conversion 
between the helicopter and the fixed-ving mode have been 
explored in theory and in wind tumel testing.  Since opera- 
tional experience i? not available, a higher relative hazard 
index war assigned to the flights during conversion. Ail of the 
flight time (20.0 hours) will be accumulated at an altitude of 
2,000 feet or above. As such, the downward ejection seat is 
effective throughout the complete conversion, while an upward 
ejection would not be effective for that nortion during which the 
rotor system was engaged and turning. 

For upward ejection, a rocket catapult ground-level escape system provides 
immediate escape from the ("RA in the fixed-wing mode, at all altitudes and 
speeds within the range of this aircraft, and up to the transition point 
when the rotor system is engaged and turning for the transition mode, 
thereby partially satisiylng the required zero-zero ejection. However, in 
the helicopter mode and in transition with the rotors turning, the upward 
ejection seat is not feasible without some means f clearing a path through 
the rctor blade plane. Blade removal is possible by employing shaped 
ballistic charges, but this would require an ex4 _nsive development program' 
to test the concept and to provide positive assurance that an accidental 
discharge could not happen. To complement an upward ejection system for 
the helicopter mode, an emergency escape hatch could be located through the 
lower section of the fuselage just aft of the flight station. This would 
provide a passage that would clear the rotors or propellers. This method 
is altitude limited. 

The downward ejection seat, by the very nature of the system, has a mini- 
mum altitude limitation for activation. A large percentage of the flight 
teat program, and all of the testing for the conversion between fixed-wing 
and helicopter mode, would be conducted above this minimum altitude.  Down- 
ward ejection must be capable of clearing the aircraft at its maximum sink 
rate so that there is no involvement of parachute and aircraft. Parachute 
bailout has this same concern, plus the possibility cf high g-fcrces 
restricting the movements of the crew. 

Sideward ejection was investigated, based on the principle which pulls the 
occupant out of the seat and aircraft by a rocket catapult instead cf 
ejecting the seat and occupant. This system would require considerable 
development for both the escape system and for clearing a passage through 
the aircraft structure. 

The study concludes that downward ejection would provide the maximum pro- 
tection for the crew during the critical research flight test program.  It 
is r--cognized that downward ejection has not proved to be as satisfactory 
as upward ejection for operational high-performance aircralt. However, the 
circumstances associated with downward ejection in these aircraft are 
entirely different from those for a research program. 
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EMERGENCY ESCAPE - CRFW 

Both flight stations are equipped with a modified version of the downward 
ejection system. This system is capable of safe ejection for all modes of 
flight for the rRA above an altitude of 2,000 feet, and for the complete 
speed range. The seat is capable of downward ejection or downward free- 
fall. The arrangement of the cockpit section is shown in Figure 17^-. 

System Description 

The ejection seat system for both the pilot and the copilot consists of the 
seat, a fixed-rail assembly permanently attached tc the aircraft, an escape 
hatch below the seat, and necessary controls for adjustment and ejection. 

The metal bucket-type seat is mounted on the rails so that during ejeetiun 
it will slide down the rails and clear the airplane. The seat incorporates 
a headrest, a thruster, a catapult, leg braces, feet retraction, cyclic 
stick stowage, a dual-strap inertia reel, seat belts, and arm retention 
webbing. The connections for the inertia reel and seat belt straps are 
compatible with the MA-2 Integrated Torso Harness Restraint System being 
used in the CRA. 

Vertical seat adjustment is provided by an electric actuator mounted on 
the lower end of the catapult. The foot retraction and retention system 
consists of a reel assembly and cable with a ball lock assembly that 
attaches to the foot retainers. The reel assembly allows the pilot free 
movement about the cockpit and is actuated to the locked position by a 
cable attached to the leg guard. A manual system is installed to permit 
cutting of the foot-retraction cable without firing the seat. The action 
of the leg braces also initiates the cyclic stick stowage system which 
pulls the stick forward out of the ejection path. The "L" ring located on 
the front cf the seat bucket is the control for ejection. The system pro- 
vides an overtravel which releases the seat for free-fall in the event 
•uhat the catapult fails to fire. By removing the free-fall disconnect 
safety pin, the action of the "D" ring will provide free-fall instead of 
catapult «jectlcn.  ihe catapult ejection sequencing is shown in 
Figure 1?:;. 

An escape hatch located directly below each seat is mechanically jetti- 
soned in sequence vith the ejection seat. The hatch consists of a frame 
formed to match the contour of the fuselage skin and the latching 
mechanism. A manual latch release permits release of the hatch without 
disturbing the seat. 

Pilot-seat separation is accomplished by means cf a gas-operated actuator 
and straps. The actuator is sequenced with the opening of the seat belts 
and the cutting of the foot-retaining cables. The action of the drum 
tightens +he straps, forcibly separating the occupant from the seat. The 
parachute lanyard is activated by the occupant's leaving the seat. 
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SEAT SAFETY PIN 
T 

{REMOVED BY CREW BEFORE TAKEOFF) 

EJECTION 

PULL EJECTION "D" RING 

U INITIATOR FIRES 

THRUSTER FIRES 

LEG BRACES RAISE 

FEET PULL BACK 

INITIATOR FIRES 

1        INERTIA REEL LOCKS       1 

1     CONTROL STICK STOWS 7] 

I—I"        INITIATOR FIRES 

CATAPULT FIRES 

1ST INCH OF CATAPULT 
TRAVEL RELEASES AND 
EJECTS ESCAPE HATCH 

SEAT EJECTS 

Ii SEAT BELT INDICATOR FIRES 
1-SECOND DELAY 

U GAS GENERATOR FIRES 

ROTARY ACTUATOR WINDS 
SEPARATION STRAP 

PILOT SEPARATES 
FROM SEAT 

INITIATOR FIRES 

RESTRAINT SYSTEM RELEASES U FOOT-RETAINING 
CABLES CUT 

PARACHUTE LANYARD PULLED 

PARACHUTE OPENS» 

•ANEROID CONTROL CAN BE INCLUDED TO KOV»D€ AUTOMATIC 
ALTITUDE OPENING FOR MIGH-ALTITUD6 FLYING 

Figure 175-    Ejection-Seat System Sequencing. 
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Each seat is activated by the action ;>f its own "D" ring and can "be 
ejected simultaneously or separately (the command seat can be delayed). A 
one-second delay is recommended to assure separation of each system. In 
addition to the ejection system, emergency exits are provided through the 
side panels of the canopy. The cargo compartment doors also serve as 
emergency exits. 

The canopy side window panels, one on each side of the aircraft, are 
manually jettisonable through the operation of a handle connected to a 
series of attaching pins. Each handle is interconnected to an exterior 
flush-mounted handle for ground rescue. Boarding provisions are incorpo- 
rated to permit easy and rapid access to the cockpit area by ground per- 
sonnel. Rescue markings for the location and operation c '? the emergency 
exits are in accordance with MHj-A-25165. The size of the opening is 
35 inches high by 52 inches wide, which exceeds the requirements of the 
HIAD. 

The cargo compartment doors are located on both sides of the aircraft at 
the aft end of the cargo compartment. It is not envisioned that these 
doors will serve as emergency exits for the flight crew, but they will be 
used if additional crew members are employed during certain phases of the 
test program. These doors wixl be identified and marked as rescue openings 
for ground personnel. 

Emergency Procedure - Helicopter Mode 

The flight envelope of the CRA in the helicopter mode will be takeoff, 
climb to conversion altitude, descend from conversion altitude, and land. 
For any emergency occurring when the vehicle is in the helicopter mode for 
takeoff, landing, and climbing to an altitude of 2,000 feet, the em&rgency 
procedure will be to execute an autorctational landing. The pilot proce- 
dure for entering auterctation in the CRA, assuming loss of both engines, 
will depend upon the forward speed at which the failure occurs. At speeds 
up to approximately 100 knots, the CRA is essentially a helicopter and will 
be flown like one during the transition to autorotation. The CRA rotor 
has sufficient inertia sc that, even at hover, the collective p~tch reduc- 
tion may be delayed 2 seconds without the speed decreasing to the point 
where the blades stall under lg flight conditions. 

Near transition speeds, the technique lor making the transition to autoro- 
tation in the CRA is quite different from that used with conventional heli- 
copters  Tt pJ.so differs from compound helicopters powered by jet engines. 
The fur.aament.al difiv ~ence is that at high speeds, the propellers can be 
used tc extract energy from the passing airstream and thus can be used to 
minimize main rotor speed decay (reference Figure 102). The pilot proce- 
dure is as follows: 
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• following recognition of a power failure, the pilot simply 
decreases the propeller pitch to a 20-degree blade angle by 
twisting the propeller pitch control to the "autorotation detent." 
This places the propellers in a windmill state, allowing them to 
furnish power to the main rotor. It alsc produces a negative 
propeller thrust -which helps to decelerate the aircraft. 

• Simultaneously with the reduction of propeller pitch, the collec- 
tive pitch to the main rotor is decreased tc the autorotation 
value» For entries into autorotation at high speeds, the collec- 
tive pitch setting will already be near the proper autorotation 
value, and little or no corrective action is required. 

• Until the aircraft slows to 100 knots, the rotor speed is 
monitored with propeller pitch or alternatively by developing 
rotor load factors in descending turns. Increased propeller 
pitch reduces rotor rpm, and decreased pitch increases rotor rpm; 
increasing rotor load factor in turn also increases rctor speed. 

• At a speed of 100 knots, the pilot controls rotor rpm with main 
rotor collective pitch and forward speed with cyclic pitch as he 
would in a conventional helicopter. 

• The aircraft is brought to a steady autorotative state at a speed 
of 80 knots. 

In the helicopter mode for flights above an altitude of 2,000 feet, the 
reaction by the flight crew to an emergency condition can be one of the 
following: 

• Enter into an autorotational descent and landing 

• Effect emergency stopping of the rotor system and fly as an 
airplane 

• Eject. 

The c   arse of action tc any one emergency would be at the discretion of 
the .   lot. Normally in a flight research program, the pilot would make 
every effort possible to correct the emergency condition before leaving 
the aircraft. Since the aircraft has VTC'L characteristics, the usual 
procedure wculd "be tc enter an autorotational descent unless the vehicle 
was completely out of control. In this case, the ejection system wculd 
be used, since most cf the flight testing and all of the transition test- 
ing will be conducted above the minimum e.iecticn altitude. 

The braking system for the main rctor, under normal operating conditions, 
is designed to stop ana index the rotor blades (master blade trailing aft 
with the other two blades at azimuth positions of 120 and 2^ degrees) 
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within 35.0 seconds. The design of the brake system «ill permit a one-time 
emergency application which will stop the rotor in approximately 6 seconds. 
If the emergency were associated with the rotor system, an emergency rotor 
stop could be made and the aircraft could be landed in the fixed-wing mode. 

Emergency Procedure - Fixed-Wing Mode 

The CRA in the fixed-wing mode is capable of executing landing during 
emergency conditions, including the remote possibility of the loss of 
power from both engines. In the event of complete power failure in the 
airplane mode, the pilot has the option of gliding to a suitable emergency 
landing field as an airplane or of unfolding and starting the rotor in 
order to land in autorotation. 

In order to unstow the rotor, a glide is established at ikO  knots, the 
flaps are extended, and the propellers are brought up to full speed by 
operating them in the windmill state to ensure full hydraulic pressure 
from the hydraulic pumps which are mounted on the propeller gearboxes. The 
pilot will start the unstowing cycle by putting the "Retract" rwitch on 
the console in the "Unstow" position. This operation will take approxi- 
mately 8 seconds. With the rotor raised oat of the fuselage, the blades 
are unfolded by placing the "Fold" switch to the "Extend" position. The 
unfolding will require about 8 seconds. Since the propellers are turning 
the cross shaft, the rotor can be brought up to full speed by releasing 
the rotor brake and engaging the clutch, just as in a normal start with 
the windmilling propellers furnishing the required power. This step will 
require approximately 36 seconds. From this condition, the aircraft can 
make a normal autorotational landing. The total time between the estab- 
lishment of the steady glide at lUO knots and the attainment of full rotor 
speed will be approximately 52 seconds. During this time, the rate of 
descent will be about k3  fps based on the power required to maintain level 
flight at 1*40 knots with flaps down. Thus, the aircraft will require an 
altitude of about 2330 feet to make the transition from the airplane mode 
to steady autorotation. 

In case the power failure occurs at a speed above lUO kncts and at less 
than 2330 feet, the excess kinetic energy of forward speed can be traded 
for altitude in a zoom maneuver. At speeds above 268 knots, a safe land- 
ing can be made even if the power failure occurs next to the ground. 
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SECTION 18 

EMERGENCY PROCEDURES 

The various operating systems of the CRA with respect to possible emergency 
conditions were analyzed. System malfunctions were considered with regard 
to their resulting impact on the operation of the aircraft and the correc- 
tive procedure available to the flight crew. 

The following paragraphs cover the emergency procedures associated with 
the following systems: 

• Main Rotor System 

• Flight Controls 

• Power Plant System 

• Drive System 

Emergency conditions were based on engineering research flight test 
criteria, with emphasis on the most hazardous areas. Contractor engineer- 
ing pilot reactions to typical test emergency conditions were analyzed on 
the basis of past history and anticipated reaction to the CRA flight 
spectrum of testing. 

MAIN ROTOR SYSTEM 

The flight controls for the main rotor system incorporate dual systems, 
including dual hydraulics, to provide a fail-safe control system. This 
same concept applies to the flap drive controls. Therefore, there would 
have to be a dual failure to create an emergency as a function of these 
controls. As discussed under the hydraulic system, the aircraft in either 
mode is controllable ir, the event of a complete hydraulic failure. 

The controls for the fixed-wing aerodynamic surfaces and the helicopter 
directional control do not incorporate dual systems. However, the loss of 
these controls would not result in an out-of-control condition of the 
aircraft. The fixed-wing aerodynamic surfaces are aerodynamically 
balanced, and the function of one surface, as applied to control of the 
aircraft, could be substituted for by the function of another surface. 
The loss of directional control will require corrective action, as 
explained in the discussion of the drive system. In this event, the flight 
should be terminated and the aircraft landed. 
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PCVER FLAriT SYSTEM 

The aircraft is capable of maintaining level flight with one engine 
operating at the design gross weight of 2U,500 pounds at the following 
speeds: up to 280 knots for the fixed-wing mode; down to ho knots  in the 
helicopter mode; at 1^0 knots during transition. Safe landing can be 
made in the event of a complete power failure for either the helicopter 
mode or the fixed-wing mode as previously discussed. 

DRIVE SYSTEM 

The emergency conditions associated with the drive system are: 

• Main transmission chip detection 

• Main transmission oil temperature 

• Main transmission oil pressure 

• Main transmission gear failure 

• Intermediate gearbox gear failure 

• Tail rotor drive system failure 

All of the conditions listed, except the intermediate gearbox gear failure, 
pertain to the helicopter mode. The intermediate gearbox gear failure per- 
tains to both the helicopter and the fixed-wing mode. 

The main transmission and tail rotor gearbox magnetic chip detectors pro- 
vide a -neans of detecting the presence of magnetic materials in the oil 
system and will give advance warning of gear or bearing failure. Warning 
lights in the cockpit are activated by the chip detectors. A chip detec- 
tor warning is not cause to discontinue the test flight; but the coniition 
should be investigated a,.d necessary corrective action taken, or the 
condition should be noted prior to the next flight. 

Indieatorc arid warning lights are located in the instrument panel in the 
ccckpit to monitor the main transmission oil temperature and pressure. 
If an indication is received from the warning light for either high-oil 
temperature or low-oil pressure, the power to the transmission should be 
reducea Hixx  a landing executed. 

A gear failure in the main transmission is highly improbable if the oil 
temperature and pressure are properly maintained. In the event of a gear 
failure resulting in a jammed gear train, the shear section in the main 
rotor drive shaft will free the rotor ana permit autorota+ional descent 
ana landing. 
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In the event of an intermediate gearbox failure, the affected system can 
be ilsccuaected from the drive system through the actuation of the emer- 
gency engine shutdown handle, which actuates the hydraulic decoupler. A 
one-engine landing would be made if the aircraft is in the fixed-wing 
mode, or a normal landinc would be made if the aircraft is in the heli- 
copter mode. 

For a malfunction of the tail rotor drive or control, the procedure would 
be to reduce rotcr torque and trim the aircraft by propeller thrust* A 
landing should be made a.s soon as possible. 
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PART 9 

COCKPIT ARRANGEMENT 

SECTION 19 

GENERAL ARRANGEMENT 

The general arrangement of the flight station for the aircraft is shown 
in Figure 17U. The aircraft is designed for normal operation by a crew 
of two, and all normal flight test operations are accomplished from the 
flight station. The figure shows that the pilot will be seated on the 
right-hand side and the copilot on the left. Dual primary controls are 
provided for both crewmen so that the vehicle can be flown from either 
side. All other required controls, such as power, flight, and trim con- 
trols, are situated on the center console within easy reach of either 
crew member. An important feature of the CRA is that, by the flick of an 
electrical switch, the same controls may be used for both helicopter and 
airplane modes. 

This composite vehicle presents a unique feature; i.e., with the pilot 
seated on the right side as a helicopter pilot and with the copilot seated 
on the left as an airplane pilot, the controls are so arranged that both 
will feel equally comfortable in a familiar environment. 

The general principle used for display and control location was to provide 
each crewman with displayed information directly before him and with con- 
trols readily available to him. Communication control panels are grouped 
on the center console. Personal controls for heating, cooling, rain 
removal, and intra-crew communication are located on a small side console. 
The following paragraphs discuss anthropometric adequacy and general 
control-display arrangements. 

PILOT VISIBILITY 

The analysis of pilot visibility is shown in Figure 1?S. The principal 
emphasis wat> placed on the extent of the visual angles available for the 
pilot's maximum safety and ease of navigation. In addition, during heli- 
copter landings and takeoffs, maximum visibility for safety is again 
required. Given these visibility requirements, the vehicle was provided 
with a large flat-wrapped windshield and side panel. The use of flat- 
wrapped development, along with the large curvature of the intersections, 
provided the most distortion-free vision of all formed glass. The addi- 
tion of windows in the lower nose section (below the flight station floor) 
enables the pilot to have as much visibility as he would in the average 
helicopter. 
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Figure 176. Flight Station Visibility Angles. 
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The intersection of the pilot's line-of-sight with the lower windshield 
was used to plot the shape of the instrument panel in order not to obstruct 
his vision. This is evident in the pictures of the lockup (Figure 177). 

Every effort was made to provide maximum visibility. The seats were placed 
as far from the centerline of the aircraft as possible in order to place 
the crew members close to the side windows. Trü side windows play an 
important role, permitting an upward-viewing angle of lU degrees, which 
enables the caev to check the rotor extension and blade indexing during 
transition «"ron; either helicopter or airplane flight modes. 

365 



Figure 177. Mockup Visibility. 
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SECTION 20 

FLIGHT STATION PROVISIONS 

The flight station is separated from the mid-body or cargo cowartment by 
a structural bulkhead located at Fuselage Station 131. Personnel access 
to the aircraft is by means of the cargo door and through the cargo com- 
partment. Access to the flight station is through a door in the bulkhead. 

The maximum width of the flight station is 82 inches, and the height at 
the entrance (from the flight station floor) is 6 feet 2 inches. 

The design decisions relative to anthropometric adequacy are based on the 
criteria of MIL-aTD-803A-l (Human Engineering Design Criteria for Aero- 
space Systems and Equipment) and ;1S33575 (Dimensions, Basic, Cockpit, 
Helicopter). Reach distance to displays and controls conforms to the 
optimal manual area envelopes required for military aircraft. 

INSTRUMENT PA3TOL 

Figure U7 shows the overall picture of the instrumentation of the CRA 
vehicle. The main ^iaplay is the instrument panel, which contains all the 
necessary flight and engine instruments for safe controlled flight. The 
details of this panel will be discussed in a following section. 

Directly below the instrument panel and between the pilot and copilot is 
the center console, which contains the power and aircraft trim controls. 
It will be noted that this center console is slightly offset at the rear 
to provide better access to the pilot's seat. Above the center console, 
at the top of the windshield, a small overhead console is mounted. This 
console is hinged and remains in the up position until needed or serviced. 
Its basic purpose is to keep the emergency circuit breakers within easy 
reach of pilot or copilot. 

The collective control lever is located at the left side of both the pilot 
and the copilot, and it has a small head containing three switches. Two 
of these switches control the prop governor during the helicopter mode. 
The remaining switch controls the flap. The control stick located at the 
CL of the pilot contains the helicopter trim controls, which are 
deactivated when the vehicle is flown as an airplane. Small side consoles 
are included in the instrument panel layout and contain the personal 
controls of the crew. 

Figure 178 gives a more detailed view of the actual instruments used. The 
"basic six" instruments are located in front of the pilot and are repeated 
on the copilot*8 side, so the vehicle can be flown and navigated from 
either seat. Engine displays are grouped in the center so that they can 
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be shared by both of the crew members. The two panels shown in phantom 
in the figure are for quick change during the first flight test phase. 

/lie instrument panel is fully shock-mounted, and all 'Lns-sruments cai be 
removed from the front of the pan' 1. The panel is aIfo hinged for easy 
maintenance. The center console, located between and within easy reach of 
both the pilot and the copilot, i: shown in detail in Figure 179. With 
the exception of the trim controls on the collective and cyclic control 
sticks, all controls are located on this center console. 

CONTROL-DISPLAY ARBAMGEMENT 

The general criteria used for arranging displays and controls were those 
of MIL-STD-25CB, "Cockpit Controls, Location and Actuation of, for Heli- 
copters" (7 May 19&0; MS33572, "instrument, Pilot, Flight, Basic, Standard 
Arrangement for Helicopters"; MH=STD=^HB, "Aircrew Station Signals"; 
and MIL-STD-803A-1, "Human Engineering Design Criteria for Aerospace 
Systems and Equipment, Part 1, Aerospace System Ground Equipment". 

Control Location 

All controls of a like function are grouped together.  Powerplant controls 
are numbered left to right and are arranged to correspond to the power 
plant with which they are associated. Controls are actuated in such a 
manner that conventional usage is the main actuating procedure (or actua- 
tion of controls in the same direction as the direction of flight). 
Provisions are made for cockpit instructions to be indicated in places 
where the information is relevant. 

Displays Location 

Wherever possible, displays are located along with applicable controls. 
As an example, the transition controls, which are used to convert from the 
helicopter to the airplane mode ar.l vice versa, are located centrally on 
the center control console. The controls are arranged in sequence and are 
operated in sequence, either left to right to stow the rotor, or right to 
left to unstow the rotor. The displays showing the subsystem status are 
directly above their control, so the pilot will know exactly where he is 
in the sequence and, therefore, will be able to reverse the cycle at any 
point. 

Displays which demand frequent monitoring or emergency action are located 
directly in front of the crew members. Displays which are Infrequently 
monitored are located with the associated control, but not directly in 
front, to avoid distracting the pilot from more important information. 
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COPILOT  FLIGHT INSTRUMENTS 

ONE TIME EMERGENCY ROTOR BRAKE 

RUDDER PEDAL ADJ' 

A- 
Figure 17Ö.     Instrument Ifenel. 
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RVRT 10 

AEROELASTICITY 

SECTION 21 

COMPOUND HELICOFCER FLZGHI 

MAIN ROTOR ABKCBIASTIC STABILITY 

The main rotor of the CRA is essentially a dynamically scaled enlargement 
of a 33-foot-diameter etopped-rotor system touted pri >r to November, 1964, 
Figures 1Ö0 and 161. Also see Reference k$.    More recently, additional 
wind tunnel tests were conducted at the NASA 1+0-foot by 80-foot wind tunnel, 
Ames Aeronautical Laboratory, under Bureau of Naval Weapons Contract 
NOw 66-02U6-f. (See Figure 182.) 

Briefly, the 33-foot-diameter rotor system whirl tower tests were conducted 
for rotor rotational speeds varying from 0 to 1+00 revolutions per minute 
and thrust loadings varying from -500 to +7^00 pounds, the latter repre- 
senting a load factor of about 1.5. Induced fuselage rolling and pitching 
were varied from 0 to 32,000 inch-pounds. The rotor remained both stable 
and easily control table during the entire course of whirl tower tests. 
There were no indications of marginal damping levels. 

In the course of wind tunnel tests, the 33rfoot stopped-rotor system was 
subjected to 5h  start-and-stop sequences at various tunnel speeds up to lUO 
knots and at rotor «igles of attack up to 12 degrees. These tests further 
bolstered the credibility of the stopped-folded-stowed rotor concept. Specific 
results obtained in the course of these tests are discussed in Section 22. 

The basic dynamic characteristics of the CRA may be simply described in 
terms of a gyroscopic rotor, flexibly connected to the fuselage and slaved 
to a control gyroscope which receives feedback from the rotor and fuselage 
as well as control inputs from the pilot. 

Several digital computer programs have been developed for the prediction of 
rotor stability levels as affected by rotational speed, collective blade 
angle, collective control stiffness, vehicle weight, and forward flight 
speed. One such program, comprising 229 degrees of freedom, is being used 
to analytically study the coupled cyclic and collective stability charac- 
teristics of the CRA. The fundamental importance of this program is that 
it accommodates dynamic coupling between cyclic and collective modes of 
the rotor and an anisotropic fuselage. With this large-order analytical 
description as the basis, investigations of various aeroelastic phenomena 
are conveniently accomplished by excerpting appropriate descriptions of a 
reduced order; that is, only those degrees of freedom which are necessary 
to adequately define a specific aeroelastic phenomenon are retained. In 
some cases, the order is further reduced by modalizatlon. The modal shapes 
generally used for this purpose are those illustrated in Figure 183. 
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Figure l8l.   View of 33-Foot-Diameter Stopped-Rotor 
Model with Bladea Folded. 
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figure lß2. Anet kO x 80-foot Wind Tunnel Installation 
of 33-root-Dlweter Stopped-Rotor Moo el. 
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The cyclic stability of gyro-controlled, rigid-rotor system« is achieved 
primarily by the seLection of a control gyro size and gearing ratio which 
is compatible with blade sweep and rotor power loading. Likewise, collec- 
tive stability is achieved by providing for adequate collective control 
stiffness. The stability of advance rotary modes of rigid rotors is 
effectively controlled by proper selection of gyro cant angle and blade 
sweep and droop. The possibility of high-frequency blade flatter is pre- 
cluded by providing for adequate frequency separation and a chordwise 
center-of-gravity distribution which is virtually on the blade quarter- 
chord in the outboard region of the blade. 

HIGH-SPEED GYRO CHARACTERISTICS 

The CRA rotor will be controlled by a high-speed gyro; that is, by a gyro 
whose spin speed,fiG, is considerably greater than that of the rotor, n. 
This is a departure from gyro systems incorporated in previous gyro- 
controlled rigid-rotor helicopters, but it can be shown that the high-speed 
gyro sysccri provides the regressive once-per-revolution natural frequency 
characte: s.ics essential to the function of the rotating swash plate. The 
high-speec. gyro system will also produce a very high frequency "wobble" 
which will :ie of an advancing mode at (2$^,-f2) per revolution if the gyro 
is spun in the same direction as that of the rotor; otherwise, it will be 
of a ragrassive mode at (2^j+flj) per revolution. These latter high- 
frequancy characteristics are extraneous, since they are very easily damped 
with low swash plate damping and do not interfere at all with the gyro 
stabilization function. For the conventional gyro systems, with AQ = «, 
gyro nutation or "wobble" occurs at twice-per-revolution, and even at this 
frequency it is easily damped. 

I . the case of the high-speed gyro system, a desired rate of precession 
cm be achieved using a gyro whose moment of inertia is proportionately 
lower than its spin speed, so that a much lighter gyro is possible. The 
high-speed gyro system is desirable from an aerodynamic standpoint also, 
since it may be conveniently concealed within the bounds of the fuselage. 

TAIL ROTOR AEROEIASTIC STABILITY 

The CRA employs a universally mounted f our-bladed tail rotor which will 
permit cyclic teetering motions during forward flight in the compound- 
helicopter mode. During flight transitions, however, the tail rotor will 
be restrained at reduced angular speeds in order to preclude excessive 
teetering angles and attendant high loads. The four-bladed tail rotor 
does not require the high support stiffness or damping which would be 
required to assure the mechanical stability of a two-bladed tail rotor. 
Furthermore, the oscillating loads which filter into the stationary fuse- 
lage structure through a fcur-bladed tail rotor are substantially lo*rer 
than those which could be attained with a two-bladed tail rotor. 
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JgCHAKICAI STABILITY 

The CRA rotor system, which has no lead-lag hinge, provides for a funda- 
mental in-plane bending frequency that is well above cnce per revolution 
throughout the entire operating range (Figure 150). Rotors possessing this 
characteristic are frequently referred to as supercritical rotors, since 
they are completely free of so-called ground resonance phenomena without a 
requirement for nvechanical dealing in the blades or landing gear. In 
essence, ground resonance is a mechanical instability resulting from self- 
excited oscillations of the rotor-fuBelage system. More specifically, 
ground resonance results from adverse coupling of blade inplane motions 
with a fuselage frequency. This phenomenon can occur only if the in-plane 
frequency of the blade is less than once per revolution. 

VIBRA1TCW 

While operating in the compound helicopter mode, the CRA will respond to 
aerodyiamically induced harmonic excitations associated with the rotors. 
Of course, the higher flight speeds of the CRA will be accompanied by sub- 
stantial reductions in collective and cyclic blade angles, due to the 
transfer of lift from the rotor to the wing and use of the propellers to 
produce virtually all of the required thrust. Consequently, aerodynamic 
excitation of the main rotor *t high flight speeds will be markedly less 
than would be associated with a pure helicopter at the same flight „..>eeds, 
and there will be correspondingly lower blade cyclic loads and e.: 1 ere ft 
vibration levels* 

Forced vibratory response of the CRA. fuselage will occur predominantly at 
the three-per-revolutioD (3P) frequency characteristic of a three-bladed 
rotor system. Additional vibration will be induced by the 2P advancing and 
h? regressive response of the main rotor to aerodynamic harmonic excita- 
tions. Therefore, the proximity of the main rotor blade frequencies to 
these harmonics and the proximity of the fuselage natural frequencies to 
3P are important factors in ascertaining fuselage vibretlon levels. The 
effects of tail rotor and propeller excitations, *hich o^cur at consider- 
ably higher frequencies, will be highly localized by comparison. 

BIADE rjBgPggCY SPECTRUM 

Minimized rotor response to aerodynamic harmonic excitations has b?en 
achieved by tailoring the design of the main rotor to provide for adequate 
separation from these excitations. 

The reduction in cyclic aerodynamic excitation which accompanies the higher 
forward flight speeds limits the rKige of collective angles that have to be 
considered to assure adequate separation of blade natural frequencies from 
the aerodynamic excitation frequencies. 

The natural frequencies of the main rotor blades were computed using a 
detailed description of the mass and stiffness properties. A 27-element 
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description was used to analyze the system, Incorporating coupled bending 
in the flapwise and chordwise directions and torsion. The natural fre- 
quencies were computed at rotor speeds of 0, 50. 100, 150, 200, 239, «id 
265 rpm at a collective angle of 10 decrees. To study the effect of 
collective angle variations on frequencies, solutions were also obtained 
at collective angles of 0, 5i 101 and 15 degrees. Figure 150 sunmarizes the 
results of these analyses and indicates the separation of the various modes 
from the integer multiples of the rctor speed. It can be seen that the 
first flapping frequency is about 1.27 per revolution. The stiffness 
characteristics that affect this mod* are dictated by the static divergence 
and rotor stiffness requirements. Tne second flapping frequency at; opera- 
ting rotor speed is approximately 3>6F, which assures minimum response to 
3P and Up excitations. The third flapping and the first torsion mode are 
above 5P at operating rotor speed and thus are of minimal interest. 

Mode shapes obtained from the frequency analyses are presented in Figures 
l8U, 185, and 186. Negligible torsional participation accompanied the 
first three modes; thus, these figures do not display torsional displace- 
ment . 

The effect of collective angle variation on blade frequencies is shown in 
Figure I87. In the range of interest, the blade frequencies maintain 
adequate separation from excitation harmonics. 

Vibration characteristics of the tail rotor depend on the success with 
which certe.in multiples of rotor speed are avoided in the rpr. and collec- 
tive angle ranges of operation. The flapwise stiffness characteristics 
dictated by static divergence considerations place the flapping frequencies 
higher than those of conventional helicopters. 

Frequency separation from 2P aerodynamic excitation for both reactionless 
symmetric flapping and in-plane modes must be assured. Due to the stiff 
blade design, the second antisymmetric flapping mode is well above 3P. 
High torsional stiffness has been obtained :'.n the blade, and a compatible 
control stiffness for both the cyclic and the collective mode will provide 
a flutter-free tail rotor design. 

379 



O 

j 

T3 

H 

f 
O 

-P 
BO 
u 

FH 
O 

-P 

s 

a 

fe 

iN3W3DVTdsia aaznvwaoN 

330 



N o 
z 

k * L <J 
\ "~ 

UJ   \ 
z ) 
<  1 
s! 
z 

o 
1       UJ 
r— ae      O " 

~5~ 
1    "J^ „ Q. a: ii 

1.
31

 
23

9 
G

LE
 

r     ii Z 

N
C

Y
 

= 
SP

EE
D 

T
IV

E
A

 

I   "*„**> 

\3§*~ £0O 
ii.Su 

|    | |    1 

3 « 

o 

-Is 

o 

8 - ; 

z 
o 

s * 
O 

8 

nd 
I' 
H 

I 
§ 
CJ 

a 
a 

O CO O ^ CN © 

~       ö      ö      o       o 
iN3W3Dvi<iSia asznvwaoN 

381 



N kl 
MJ  i z 
< 

\ 

\i z 

> 
UJ 

*! 

«I 
i-ai 

o 1 
\ 

C 
fen 

H     Z 1   / 
V 

i» 
5* 
ig 

8 

1 

8 

8 

i 

z 
o 

8 
o 

6 d      b 
<N 

O 
I 

o d o 

iN*v33vidSia aaznvwaoN 

3Ö2 



I 

Ik.) 

o 
tu 
QC 

Z  3 

o 2 

o 
z 
z 

3 

ROTOR SPEED =  239 RPM 

jd 

XT SECOND FLAPPING 

FIRST INPLANE 

FIRST FLAPPING 

■9 

•2f 

IP 

4 6 8        10        12        14        16        18 
COLLECTIVE ANGLE - DEG 

Figure l&J.    Main Rotor Frequency Variation with 
Respect to Collective Angle - CRA. 

383 



SECTION 22 

TRANSITIONAL FLIGHT 

At about 130 knots, the design speed for flight transition, the CRA will 
maintain lift for level flight completely on the wing. The untwisted 
rotor blades will be at virtually zero collective angles, and the rotor 
will be trimmed at zero rotor angle of attack. Under these ideal condi- 
tions, as the rotor is allowed to decelerate and is braced to a stop, no 
appreciable aircraft excursions would be anticipated. With the rotor thus 
stopped and stowed, the CRA will be in an essentially conventional airplane 
mode of flight and will exhibit stability and control characteristics simi- 
lar to those of fixed-wing aircraft (References hh  and 1+5). 

The foregoing discussion briefly described the transitional events nor- 
mally expected. However, gr.st disturbances during transitions must also 
be considered. A* the higher rotor angular velocities, the free- 
feathering gyro-stabilizea rigid rotcr is relatively insensitive to gusts. 
At the lev rotor angular velocities and high advance ratios which prevail 
during rotor starts and stops, the authority of the gyro is gradually 
supplanted by a rotor blade pitch-bias system which provides for stability 
characteristics similar to those evidenced at high angular velocities. 

MAIN ROTOR AEROELASTIC STABILITY 

Under Bureau of Naval Weapons Contract NOw-66-0246-f, a program for 
investigating the transitional characteristics of a 33-foot-diameter 
stopped-rotor system was recently conducted at the NASA UO-foot by 80-foot 
wind tunnel, Ames Aeronautical Laboratory. A photograph of the test 
installation is shown in Figure"179- Briefly described, the test article 
is a relatively stiff three-bladed rigid rotor incorporating special sys- 
tems for in-flight stopping, starting, and folding, and mounted on an 
inertia frame which is enclosed with a body shell to simulate aerodynamic 
characteristics. 

In the course of the program, the 33-foot-diameter rotor system was sub- 
jected to 5*t start-and-stop sequences at various tunnel speeds and rotor 
angles of attack. The number of start-and-stop sequences accrued at 
particular combinations of tunnel speed and rotor angle of attack are 
enumerated in Table XXVII. 

The dearth of start-and-stop sequences represented at the higher tunnel 
speeds was primarily occasioned by the excitation of certain resonant fre- 
quencies of the wind tunnel support system. Most apparent was a lateral 
mode of the main support struts which was excited at a rotor rotational 
speed oV about 110 revolutions per minute. This condition is indicated by 
a dilatation of the time-history envelopes presented in Figures 188, 189 
and 19c. The magnitude of the response to resonant modes of the wind 
tunnel support system was augmented by the inability of the model drive 
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1           TABLE XXVII. START/STOP SEQUENCES VS TUNNEL-SPEED/ANGLE-OF-ATTACK 

Rotor Angle 
of Attack 
(degrees) UO 80 

Tunnel 

100 

Speed (knots)                               I 

120             130              lUo 

1                   0 2 8 3 6                 1                 1     1 
2 3 1 3 
3 7 
h 3 1 

1                6 10 1 

8 l 

9 l 

10 i 

12 l 

system to accelerate the rotor rapidly through the resonant frequencies. 
Deceleration through these resonant frequencies, as the rotor "was braked 
to stops, was relatively rapid, and the duration and magnitude of response 
vere diminished accordingly.    Conversely, resonant modes of the support 
system would be expected to cause less interference during starting 
sequences if the acceleration capability of the rotor drive system were 
enhanced.    Although additional accelerating torque can be obtained in auto- 
rotative states, the autorotation must, of course, be accomplished with a 
well-triMned rotor if it is to be used to alleviate the resonance problem. 

ROTOR CONTRIBUTION TO AIRCRAFT STABILITY 

It has been demonstrated that a blade pitch-bias system of the basic type 
to be installed in the CRA can virtually eliminate unstable contributions 
of the rotor to overall aircraft stability (Reference 33).  Stopping and 
starting time-history investigations were conducted both in a low-speed 
wind tunnel and in the NASA ^O-foct by 80-foot wind tunnel on models dyna- 
mically similar to the CRA.    The results of such stopped-rotor tests can be 
applied to a wide range of stopped-rotor vehicles by dynamic scaling. 
Although certain stability characteristics of the CRA could be approximated 
by such dynamic scaling, the results obtained therefrom would not reflect 
the most advanced stopped-rotor technology so far developed. For example, 
the aerodynamically stabilized blade pitch-bias system of the dynamic mod= 
els has been significantly improved upon for application to the CRA. How- 
ever,  in order to provide some indication of hov the CRA would be expected 
to respond during stopping sequences, the results obtained from the recent 
wind tunnel tests of the 33-foot-diameter stopped-rotor vehicle will be dis- 
cussed. Some isportant properties of this vehicle are suranarized in 
Table XXVIII. 
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TABLE xxviii,   siGini'xCA;:: PROPERTIES OF 33-roar. 
STCPPET-ROTOR VEHICI£ 

-PIAMETER 

TJumber of Blades 3 
Blade Chord  (ir..) ^.u.oo 

1                     Rotor Liameter  (ir.#) T*:..0 
1                   Approximate Weight  (lb) '000*0 

Rotor Eesign Tip Speed (fps) 613.1+ 
Retor Rotational Speed (rpm) 355.c 

The aircraft handling qualities during transition are derivable in terms of 
the vertical and angular accelerations of the fuselage which are induced by- 
rotor loads transmitted through the shaft. Figure 191  compares rctor 
pitching ana rolling moments, undergone during starts, with 30 percent of 
the availabl: aerodynamic control power planned for the 33-fcot stepped- 
rotor flight article« These results shew that the elevator and aileron 
control power levels far exceed the fuselage pitch ana roll moments pro- 
duced by the rotor during rotor starts and stops. It should be emphasised, 
however, that ^he aforementioned figures are included solely for the pur- 
pose of giving some indication of the trends that may be anticipated during 
transitional flight of the CRA. 

The actual schedule- of the rotor blade pitch-bias system operated eff- 
design during the course of the tests conducted at the higher tunnel 
speeds. The optimum swash plate schedule was realized at about CO knots. 
The blade pitch-bias system provided for good response characteristics in 
V.     course of tests conducted at a tunnel speed of 80 knots, even at a 
rotor angle of attack of 12 degrees. Although the excursions seemed large, 
they were merely the rnsuit of the large cyclic blade pitch-angle varia- 
tion required to trim the rotor at the designated test condition. The 
steady loads are low. The response to resonant modes of the main support 
struts are hardly apparent, which may be attributed to both the lew level 
of steady rotor loads and the more rapid acceleration of the rotor at the 
designated test condition. These general characteristics were attained at 
all rotor angles of attack at 80 knots. 

To ascertain the effectiveness of the blade pitch-bias system, a start-stop 
was made at 80 knots and a rotor an*le of attack of 3 degrees, with the 
blade bias system inoperative. The levels of rotor response with the bias; 
system operative were two-thirds those obtained with the swash plute fixed. 
In both cases, loads were low; but at higher speeds and larger angles of 
attack, the bias control would be expected to be more important. 
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SECTION 23 

STOFPED-ROTOR FLIGHT 

The main rotor stopping procedure will be performed vith the rotor 
virtually unloaded, and it will be initiated by disengaging the main and 
tail-rotor drive systems. For a period x>f approximately 20 seconds, the 
rotors -will be allowed to decelerate aerodynamically, but fi*:«l popping 
and indexing will be accomplished with a brake-and-detent system vhich 
will require an additional 15 seconds. J 

Once the i -tors are stopped, the principal factors which raust be consid- 
ered are static aerceilastic stability of the rotor systems and aircraft 
handling qualities. 

?IAIU ROTOR AEROELASTIC STABILITY 

The experimental program regarding transitional characteristics of the 
33-foct-diameter stcpped-rotor system included investigation of the static 
aeroelastic characteristics of the rotor as affected by rotor indexing, 
forward velocity, rotor angle of attack, and collective blade angle. 
figure 192 summarizes some of the more severe loading conditions investi- 
gated. Figures 193 and 19^ illustrate a variety of effects of variations 
in tunnel speed, rotor angle of attack, and blade collective angle. While 
the ultimate blade iistortion due to the aerodynamic loading is a function 
of the initial angle of attack, in general, the divergence speed is not. 
(As discussed later, the divergence characteristics of a blade near an 
azimuth position of l80 degrees constitute an exception.) Specifically, 
stati'.- blade divergence corresponds to a physical condition where the 
increment in aerodynamic loading, due to an arbitrary change in angle of 
act?ok, is equal to the corresponding increment in elastic restoring 
moiient. It is apparent from Figures 192 and 193 that, in general, both 
the highest aerodynamic loadings and the largest increments in aerody- 
namic loadings occur at an azimuth position of about 120 degrees. But it 
is also apparent that for small angles of attack, the divergence charac- 
teristics at about 225 degrees are virtually identical to those at 
120 degrees; although for corresponding inert at »s in angle of attack at 
the two azimuth positions, the azimuth positron of 225 degrees actually 
becomes less critical as ,a consequence of earlier stalling of the blade in 
reverse flow. Nevertheless, for analytical purposes, a blade azimuth 
position of 225 degrees has generally been assumed to be most critical 
since - from a purely theoretical point of view - the streamwise angle of 
attack, due to flap-bending at this position, is augmented by the 
increased torsions! deflection resulting from a larger offset of the line- 
of-aerodynamic-centers relative to the blade structural axis. Vfeat is 
more important, however, is that an analysis of the divergence stability 
of the blade at an azimuth position of 225 degrees actually results in a 
conservative estimate of the blade divergence speed. 
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Figures 195 and 196 show curves of root flap-bending moment, and their 
inverse, as a function of wind speed for two critical azimuth positions. 
Although somewhat limited in definition, these curves permit some evaluation 
of blade divergence characteristics and substantiate the analytical methods 
used to estimate stopped-rotor aeroelastic characteristics. It should be 
pointed out that the divergence characteristics of a blade at an azimuth 
position of l8o degrees are a function of rotor angle of attack because of 
a nonlinear viscous cross-flow phenomenon; consequently, the effects of gu3ts 
and up-flow induced by the fuselage forebody are of significance. These 
effects are transient since the rotor is stopped in the position shown in 
Figure 183. 

The blades were successfully folded and deployed at various speeds up to 
lUo knots during this program. 

Some of the analytical results obtained for the CRA main rotor blades are 
illustrated in Figures 197, 198, 199 and 200. As illustrated by Figure 201, 
the critical divergence speed of the CRA main rotor blades is at least 
168 knots at an azimuth position of 225 degrees. Examination of the rotor 
bending stiffness distribution, shown on Figure IU9, shows that the design 
load factor of 3g's has resulted in a reduced El ^flapping) from station 25 
to station 70. Increased stiffness in this region will result in a substan- 
tial divergence speed increase. 

The possibility of cyclic divergence of the rotor system due to swash plate 
displacement is precluded by a residual positive spring restraint between 
the swash plate and fuselage structure. This restraint is inherent in the 
design of the blade pitch-bias system. 

The folding provisions are similar to those of the 33-foot-diameter rotor, 
the suitability of which has already been demonstrated in wind tunnel tests 
(Figure 190). 
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Figure 196.    Hub Flapwlse Bending Moment - 33-Foot-Diameter Rotor. 

397 



N 

1 
s 

I      UJ 
(       UJ 
1   °- 
Lz     «d to     1 
! *~ 

2 i\ S~ \ 1 
K

N
   

   
  (

T 
- 

22
5 

DE
C 

S
D

E
G

 

i \*T" 1      «-ta-SÄi i 11 §ö 
*5< 
8s5 
*3B 

1 

§ 

CM 

I 

2 
O 

Q   £ 

8 

< 
in 

8 
i— 
o 

s 

g 

d 

■p 

to 

I 

3 

§ 

PM 

•Nl - NOUD31J30 DI1SV13 aSIMJVU 

398 



§ 

o 

3 

I 
=9 

3 fe 

P0l * «1 - W3HS NOI1D3S 

399 



1 

o 

3 

CO 

8 

P 

7«° 
* ii 
O          II 

A
ZI

M
U

TH
 

I 
A

N
G

LE
 

02 
>5 

2 So 
1« 

8 

<5 

fl 

p 

p 

8 

-p 

I 
Ö 
o 
•H 

Ü 

(8 

a 

Pn 

<N 

g(K * n-'NI - 1N3VOW 3SIMWY1J NOI1D3S 

UOO 



I 

-p 
V 

s 

8 
04 

ß 

„01* «V#NI - artt>*>i NOI103S 

i+oi 



0.4 

0.2 

BLADE AZIMUTH =  225 DEG 
ROTOR ANGLE =  5 DEG 

PREDICTED REGION YA 
OF DIVERGENCE      Pfl 

I 
0   20  40  40  80  100  120  140  160  100 

VELOCITY - KN 

Figure 201. CRA Blade Divergence Region. 
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