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FOREWORD

The rapid advances made in helicopter and V/STOL aircraft
development in the past few years have spotlighted areas in which
significant aerodynamic problems have been encountered, and in some
cases the problems still exist. Fortunately, a technological maturity
has now been attained in the industry, making possible investigations
through knowledgeable scientific approaches that have produced an
enlightened understanding of the problems and, in many cases, have
led to practical solutions. The next generation of flight vehicles,
currently in the design and development stages, are offering challenges
to the aerodynamicist and engineer, and it is evident that future vehicle
developments will demand an ever-increasing rate of technological
advance in the knowledge and understanding of aerodynamic phenomena.

Several years have passed since a technical specialists' meeting
was held to direct attention specifically to the low-speed aerodynamic
problem areas of helicopters and V/STOL vehicles. Therefore, in the
interest of disseminating up-to-date information, the cosponsors of this
symposium, the U.S. Army Aviation Materiel Laboratories (USAAVLABS)
and Cornell Aeronautical Laboratory, Inc. (CAL), believe sucha meeting
among technical specialists in the field would be timely. It is hoped that
this symposium will, through the presentation of selected technical
papers, establish the state of the art of aerodynamic analysis in the
basic problem areas and spotlight those critical areas where research
is urgently needed. The ultimate objective is to identify those advances
required in the state of the art that can assure the availability of the
analytical tools needed to develop and analyze the next generation of
helicopters and V/STOL aircraft.

In keeping with these objectives, five technical sessions, each
dealing with specific basic areas of aerodynamic analysis associated
with V/STOL aircraft, have been formed. In addition, a panel session
has also been scheduled in which outstanding members of industry and
government from three countries will present their recommendations
for areas of research that need to be pursued if the state of the art is
to advance at the required rate.

It is believed that the formal presentation of th: selected papers
and the panel presentations and recommendations will stimulate con-
structive discussions among the specialists in attendance. While a
significant amount of time has been allotted during the sessions for
this to be accommodated, it is hoped the sessions will, in addition,
stimulate discussions and serious thought between the attendees and
the technical members of the various organizations who were unable
to attend. Inorder tofoster this latter objective, the informal discussions
(questions and answers, etc.) will be recorded, printed, and mailed to
each attendee for inclusion in his copy of the proceedings.
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The proceedings of the symposium have been bound in four
volumes -- a separate volume for the technical sessions of each day, and
one volume for the panel sessions. We are indebted to the authors for
preparing their manuscripts in a form that couldbe directly reproduced.
This material was published as provided by the authors and was neither
checked nor edited by CAL or USAAVLABS.

The cosponsors of the symposium are grateful to the many people
who contributed to its success. In particular, our thanks go to Colonel
Harry L. Bush, Commanding Officer of the U.S. Army Aviation Materiel
Laboratories, and Mr. Ira G. Ross, President of Cornell Aeronautical
Laboratory, Inc., who opened the sessions; to Mr. Charles W. Harper,
our keynote speaker; to Major General William Bunker, Deputy
Commanding General, U.S. Army Materiel Commanrd, for his address
at the symposium banquet; to the five session chairmen --

Arthur Jackson, Hamilton Standard

Franklyn J. Davenport, Vertol Division of The Boeing Company

John W. White, U.S. Army Aviation Materiel Laboratories

Irven H. Culver, Lockheed-California Company

Sean C. Roberts, Mississippi State University

and to the two panel chairmen --

Larry M. Hewin, Technical Director, USAAVLABS
Harold A. Cheilek, Vice President - Technical Director, CAL
and, most especially, of course, to the authors and panel members

without whom there could not have been this symposium on low-speed
aerodynamic problems.

SYMPOSIUM TECHNICAL CHAIRMAN

Richard P. White, Jr., CAL
John E. Yeates, USAAVLABS
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PREDICTED AND MEASURED PERFORMANCE OF
TWO FULL-SCALE DUCTED PROPELLERS
by

A. R. Kriebel
M. R. Mendenhall

Vidya Division, Itek Corporation
Palo Alto, California, USA

INTRODUCTION 1

A theoretical aerodynamic analysis of a ducted propeller
at angle of attack is presented in References 1 and 2. This po-
tential flow analysis can be used to predict the force and
moment on the duct in terms of the propeller thrust. The useful-
ness of any theory is dependent on evaluation by comparison with
valid data. Much of the previous data (summarized in Ref. 1) are
restricted to hovering or axial flight and/or low Reynolds number
with flow separation from the duct. Full-scale test data for two
ducted-propeller configurations at angle of attack, presented
herein, allow a correlation study and a good evaluation of the
potential flow theory. The duct force and moment are predicted
by use of Reference 2 and compared with experiment. The analysis
is extended to predic the duct pressure distribution and boundary-
layer separation which are also compared with experiment.

The analysis is based on a combination of two previous
potential flow theories for a ring-wing at a small angle of
attack, Reference 3, and for a lightly loaded ducted propeller in
axial flow, Reference 4. In Reference 2, the duct thrust, normal

force, and pitching moment were predicted by representing the

propeller as a uniformly loaded actuator disk. Estimates of the
normal force and pitching moment on propeller blades operating in
a duct were small compared with those on the duct. Small amounts
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of duct taper, camber, and thickness were estimated to have
little effect on the duct force and moment; hence, the duct is
represented herein as a thin cylinder to predict its force and
moment.

For comparison with test data, the theory is usually
used to predict the thrust, normal force, and pitching moment on
the cylinder in terms of the measured total thrust (on both the
disk and cylinder). The predicted duct thrust can then be com-
pared with the value deduced from the measured duct pressure dis-
tribution. The predicted duct normal force and pitching moment
are compared with the values measured for the ducted propeller
unit.

The work described herein was sponsored by the Ames
Research Center of NASA under Contract No. NAS2-2647.

EXPERIMENTAL PROGRAM

Two full-scale ducted propelliers have been tested at
angle of attack in the NASA Ames Research Center 40- Ly 80-~foot
wind tunnel. The first of these was the "Doak" ducted propeller
mounted on the tip of a semispan wing (Ref. 5). This unit, which
is referred to herein as the 4-foot model, consists of a duct with
a chord-to-diameter ratio of 0.608 and a profile thickuess-~to-
chord ratio of (.158; an eight-bladed propeller with fixed blade
pitch of 15° at the tip; a set of seven inlet guide vanes of vari-
able pitch; and a set of nine stators aft of the propeller. A
photograph aund a sketch of the cross section of this ducted pro-
peller are shown in Figures 1(a) and 2(a). Complete details of
the 4-foot model and the test methods are described in Reference
5. The second unit tested was the "Bell X22-A" ducted propeller
mounted on the tip of a stub wing. This unit, referred to as the
7-foot model, consists of a duct with a chord-to-diameter ratio
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of 0.525 and a profile thickness-to-chord ratio of 0.172; a
three-bladed variable pitch propeller; and six streamlined support
struts aft of the propeller. For some of the tests, ar. elevon
extended across the duct exit plane with a thickness of 0.44

feet and a chord of approximately 5 feet. A photograph and a
sketch of the cross section of this model are shown in Figures
1(b) and 2(b). The test setup and techniques were similar to
those used with the 4-foot model.

For the 4-foot model the data included direct measure-
ment of 1lift, drag, and pitching moment reported in Reference 5
and duct surface pressure at 27 orifice stations around the duct
profile and at 10 azimuth locations. Total pressure was measured
along the duct radii directly ahead of the inlet vanes, directly
behind the propeller, and across the duct exit plane with pres-
sure rakes at 10 azimuth locations.

Data for the 7-foot model included direct measurements
of forces and moments and duct surface-pressure measurements at
1S orifice stations around the duct profile for 3 azimuth loca-
tions. Since the duct pressure data were taken at only 3 azi-
muth locations, pressure integrations were made to obtain duct
thrust only at zero angle of attack.

In addition to the data described above, stalling of the
4-foot model duct was deduced from observation of tufts, sound
level, and pitching moment as described in Reference 5.

METHOD OF PREDICTION

Potential Flow Model

For a ducted propeller at angle of attack, the analysis
of Reference 2 predicts the thrust, normal force, and pitching
moment on the duct in terms of the propeller thrust. The analysis
represents the propeller and stator blading and the centerbody
as a uniformly loaded actuator disk. There is no swirl in the
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slipstream, and the circulation about each propeller and stator
blade is assumed to be invariant with radius and time. The
boundary layer and frictional drag of the duct are neglected.
The ducted propeller is assumed isolated in the free stream.

Calculative examples have been run to investigate the
effects of duct camber and radial variation of disk loading in
order to arrive at a simple, yet realistic analytical flow model.
As a result of this work, the following assumptions will be em-
ployed:

(a) The actuator disk loading is applied only to the
annular area swept out by the propeller blades and not to the aft
part of the centerbody or inner duct surface.

(b) The duct thrust is taken as that due to leading-
edge suction on a thin cylinder.

(c) The effects of duct camber and thickness are neg-
lected except in computing the duct pressure distribution and
boundary layer. (It is shown in Ref. 2 that this is a good
approximation for the duct for. . and moment.)

(d) The propeller ard stators are represented as a
uniformly loaded actuator disk. The centerbody, support wing,
and elevon are neglected.

Duct Force and Moment

To predict the duct force and moment, the duct is repre-
sented as a thin cylinder through the actual duct trailing edge
48 shown in Sketch A.
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Sketch A.- Flow model for predicting
duct force and moment.
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All the trailing vorticity is placed on the extension
of the cylinder. This approximation requires the free-stream
crossflow to be small compared with the slipstream velocity
(V sin a <« Vj) . The pressure jump across the actuator disk
Ap 1is equal to the increased total pressure in the slipstream

as given by

v,2 2
Y <Y_c_guu_1 . B
q vz

2
Z%cosa‘i-n‘;;-sinaa (1)

The propeller thrust is taken as

Tp(py = Pp 4P (2)

where A _ is the annular area swept out by the propeller blades.
Hence, the propeller thrust coefficient is

c. --2m _Pp o (3)
Agq A ' q

T (p)

The coefficients for the duct force components and pitching
moment are given by Equations (20) through (23) of Reference 2 as

CN(P) =f1 gin a Ccos a+f2% (4)
D
N2
- .2 Y
CTD(P) = f3 sin” a + f‘ <V> (5)
= tl;f5 sin a cos a + (fsfe + f,,) :‘\;- sin a (6)

c
™5 (P)

where the fn coetficients are given versus the duct chord-to-
diameter ratio c¢/D in Table I, Reference 2.
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Use of blade element theory in Reference 2 indicated
that the normal force and pitching moment on the propeller are
génerally small compared with those on the duct. Therefore, we
shall take the coefficients for the ducted propeller unit as

= Oy * O Y

DP P(D) D(P)
= (8)
c“np CND(P)
C =C (9)
"pp b (P)

The strength of the vortex cylinder surrounding the
slipstream is found by substituting Equations (1), (3), and (5)
into (7) and solving for

A //A j) , 2
= -{=—f -1) 8in a
Y _ cos a_ cos a 2.+ AP qTDP ké? -
v T A A A
— f +1 — f +1 — f +1
AP 4 AP 4 AP 4
(10)

The general procedure for prediction will be to deter-
mine v/V from Equation (10) using a measured value of CTDP’
and then to evaluate the preceding expressions. This value of

/V is also used to predict the duct surface-pressure distribu-
t1ton and boundary layer.

Duct Presrure Distributions

The duct pressure distribution is obtained by first pre-
dicting the bound vorticity and velocity distribution over the
thin duct camberline; then including the effect of duct thickness

to obtain the surface velocity distribution, and finally using
Bernoulli's law to get the duct surface pressure.
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The flow model used to predict the duct surface pres-
sure is shown in Sketch B.

Numbers 1 through 4 designate
the camberline or duct surfaces

indicated.
—e X
c
c
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Sketch B.- Flow model for predicting duct pressure distribution.

Duct-bound vorticity

All the bound and trailing vorticity is placed on a ref-
erence cylinder through the duct trailing edge. The distribution
of duct-bound vorticity is composed 6f elementary Yp vortex
rings which are axially symmetric and elementary Yo rings with
strength proportional to cos ¢. The axially symmetric part of
the flow field, composed of V cos o plﬁs that induced by the
Yp rings and the v cylinder, is set tangent to the duct
camberline. This boundary condition is actually imposed at the
duct reference cylinder and it determines the strength of the
Yp rings.

The Vg rings, together with the axial vortex filaments
which trail from them, are required to cancel the velocity across
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the duct reference cylinder due to the free-stream crossflow
V sin a.

The slope of the duct camberline is expressed as a four-
term cosine series

dr 3
€ a Z cos nb (11)
o
where
2X
=g S}
cos 6 = =

Integration gives the duct camberline shape as

r. - R 2
) _ 1l + cos 6 l - cos 6:)
c = Rg (; 2 :) + R, (; 4
1 1 1 3
+R2<6+2cose-3cos 9)
cos® 9:) (12)

The Rn coefficients are determined such that Equation (12) fits
the geometric camberline at x/c =0, 1/4, 1/2, 3/4, and 1. The
actual duct profiles and the approximate analytical profiles are

compared in Figure 3. An effective camber due to thickness

as subtracted from Equation (11) is described in Reference 6.
This effect is due to the radial velocity induced by the source
rings used to generate duct thickness.® We shall take

2
cos 6 -

+
o]

[A)
i
=
+
i
(ST

€

€ for a

‘Evaluation of the axial velocity induced by the source rings
from Reference 6 indicates that it is nearly the same as for a
straight, 2-dimensional wing with the same thickness as the
duct. This approxima’ion will be employed in the present
analysis.




NACA 0018 thickness distribution using Equation (44), Reference

6.2 Thus, the slope of the effective camberline is specified as
3
€g = € ~ € = E:Rh* cos né - (13)
o
To set the flow tangent to the camberline, we specify
that

vw + vyD = €q <? cos a + uw + uWDj> (14)

The u and v terms are the axial and radial velocity compo-
nents induced along the duct reference cylinder by the vy cyl-
inder extending from the duct trailing edge and the Yp rings
bound to the duct reference cylinder. These terms are expressed
as a six-term cosine series as follows. The components induced
by the vortex cylinder can be found from Reference 7 in terms of
elliptic integrals. Fourier analysis by machine then give

u

?¥ = E: B_* cos né (15)
o

v 5

7'1 = ZB cos nb (16)
o

®The duct profiles for the two ducts do not correspond to any
standard airfoil section. However, it was found that the NACA
0018 is a good approximation to the actual thickness distribu-
tion of both configurations, particularly over the forward
portion of the airfoil where the pressure distributions are of
greatest interest.

vy




If the duct-bound vorticity is put in terms of a Glauert series

as®
-1
Y
Yp _ . 8 :
Y - c 2 + ch gin nb (17)
1

then the corresponding induced axial velocity component is from
Equation (18), Reference 2

u, )

Y. c C
4D 'D _ 16D _ 1 2
s (zp = j) <E° +--5;> + (Eo + —2:>cos 6

c.~-C cC ~-C

1 4 2
+ ) cc3 280 + 3 cos 36

———5—-2 cos 46 (18)

The radial velocity component can be found from Equation (14) of
Reference 4 as

0

[} [} /
C c
I _S% N &, _% S
= Z > o +Zcos k€ > +Z > sz (19)
k=0 k=1 £=0

The sz coefficients appearing in Equation (19) are evaluated in
Tables 2.1 through 2.4 of Reference 4.

The six unknown Cn coefficients appearing for Yp are

determined by: (1) substituting the foregoing cosine series for
the terms in Equation (14), (2) expanding the right-hand side as

®Between the actuator disk and duct trailing edge <Yp includes
the vorticity shed from the disk onto the inner duct surface.
The Kutta condition of no flow across the duct trailing edge is

satisfied because Yp is nonsingular at 6 = 7 in Equation
(17).
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a cosine series, and (3) equating each of the six harmonics of
Equation (14). The resulting six linear algebraic equations are
then solved by machine for the six Cn. The remaining part of
the duct vorticity Yo is the same as determined by Weissinger
for a ring-wing at angle of attack, and is given by Equation (8)
of Reference 2 as

=]
'Ya ] e
Vein o cos ¢ - Co cot-——+ E:c sin n (20)
1

Weissinger's values for the h coefficients are given in
Table 1, Reference 2. The axial velocity induced by Yo along
the duct reference cylinder is given by Equation {19) of Refer-
ence 2 as

4
e - (m 22 o, + )+ Lidse c +‘_’g>
cV s8in a cos @ o 2
+[°-146°€+ > —]cose

c_~-cC -
3 b Y 4
2 cos 26 + 3

+ C2 cos 36

+ —2—5——3 cos 46 (21)

Finally, the velocity distribution over the four duct camberline
surfaces shown 'in Sketch B can be evaluated by substitution of
preceding expressions into

. Y
u = 4+ ——— 4 a + + +
8 x 2 cos uv uYD uva (22)

11

Pa




t
£
I

where the plus sign refers to the inner surfaces 2 and 3 and the
minus sign the outer surfaces 1l and 4. At the sides of the duct,
va'_induces a tangential velocity component. We shall not con-
sider the component, since it vanishes at the vertical plane of

symmetry to which we shall restrict the pressure distribution
predictions.

Duct surface velocity

To obtain the duct surface velocity from the velocity
distribution over the camberline (Eq. (22)), we apply corrections
to the discontinuous (vorticity) and continuous terms in Equa-
tion (22). These correction factors are deduced as follows from
theoretical results for two-dimensional (c¢/D = 0) thick airfoils
in Reference 8. For a thin flat plate at angle of attack, the
bound vorticity is

¥p 0
v = 2a cot F] (23)>

At o = 1/(27) the lift coefficient is unity and

LS WY (20

This chordwise distribution is listed in Table I for comparison
with values for a NACA 0018 airfoil from Reference 8. It is
evident that thickness has little effect on the bound vorticity
except near the airfoil nose where x < 0.lc. Hence, we shall
correct the singular (cot(6/2)) terms in Yp and Va by re-
placing cot(€/2) by the corresponding value for a NACA 0018 air-
foil when x < 0.lc. For example, at the leading edge

(1/27) cot(6/2) is replaced by 1l.342. The surface velocity dis-
tribution for a two-dimensional NACA 0018 airfoil at o = 0 is
shown in the last column of Table I. 1In this case, the continu-
ous part of the camberline velocity distribution is V and the

12




continuous part of the sarface velocity distribution is VP(x),
where F(x) is given by the last column in Table I. By analogy,
we shall obtain the continuous part of the duc’ surface velocity
by multiplying the continuous part of camberline velocity by
F(x). Thus, we obtain the duct surface-velocity distribution
from the duct camberline distribution (Eq. (22)) as

* Y%:) + <E' +u, + + -:)F( )
u =+ ( ——=2 cos ¢ +u_ +u u X
8 - 2 c Y " T

(25)

The first parenthesized term is corrected only when x < 0.lc as
described previously.

Duct pressure distribution

The duct surface-pressure coefficient is obtained from
Equation (25) by Bernoulli's law as

\12
8

C_. =1~ — 26

b 7 (26)
However, on the inner duct surface downstream of the actuator
disk, the total pressure is increased by Ap and cp is in-

creased by Ap/q due to the pressure jump across the disk.

Duct Boundary-Layer Model and Assumptions

Our purpose in computing the duct boundary layer is to
wredict those conditions under which separation will occur on the
windward inside surface before the propeller. We shall use the
axisymmetric Truckenbrodt method to obtain the momentum thickness
(6) and shape factor (H) of the boundary layer and then we

shall use an empirical rule (H = 1.8) to predict turbulent
separation.

13




The Truckenbrodt method (Refs. 9 or 10) has been com- K
pared to known results in both laminar and turbulent flow and
found to give excellent agreement. We have computed the laminar
boundary~layer parameters for Howarth flow on a flat plate and
they agree within 5 percent of the exact Howarth solution. We
have also computed turbulent boundary-layer parameters for a
NACA 65(216) -222 profile at 10.1° angle of attack using the mea- -
sured velocity distribution. The computed momentum thickness,
shape factor, and separation point all agree well with measured
results.

We shall make use of the following assumptions in calcu-
lating the duct boundary layers:

v1) The boundary-layer momentum thickness is small in
comparison with the duct radius so that the presence of the
boundary layer does not appreciably alter the potential flow
around the duct.

(2) The predicted surface velocity (Eq. (25)) is taken
as the houndary-layer-edge velocity distribution.

{3) The velocity profiles in the boundary layer are
approximated by a one-parameter family of curves.

As a transition criterion, it is assumed that the bound-
ary layer changes from laminar to turbulent at a Reynolds number
of about 400 based on momentum thickness and local surface
velocity.‘ In cases with high adverse pressure gradients near
the leading edge, the laminar boundary layer separated (H = 4.04)
before Ree = 400. Assuming that the separated region acts as a
turbulence trip, the point of transition is iocated at the first
indication of laminar separation. In Reference 1ll, it is reported

“The transition criterion is based on_a measured critical Reynolds
number on a flat plate, Vx/v = 3x10° (Ref. 10). This corresponds
to V6/v = 365 in a laminar boundary layer on a flat plate.
Since the location of turbulent separation is insensitive to

small variations in transition location, transition was assumed
to occur when 350 < ugb/v < 425.

14




that small laminar separation bubbles, which did not show up in
the pressure distribution, did serve as turbulence trips.

The shape factor (H) is used to estimate the location
of boundary-layer separation from the duct. The usual criteria
for boundary-layer separation is that turbulent separation occurs
when H has attained a value between 1.8 and 2.4, and laminar
separation occurs when H = 4.04.

The Truckenbrodt solution to the boundary layer is based

on integration of the cnergy equation. The energy equation is
written in the form

% ::‘; %E Q’sarsa*D -4 +3t (27)
u Ty

where ©O0** is the energy thickness of the boundary layer, 4 is
the dissipation term, and t is the energy of turbulent motion
term. The right side of Equation (27) is the shear stress work
in the boundary layer. Truckenbrodt's final expression for mo-
mentum thickness as a function of boundary-layer-edge conditions
is

1+n  z/s 1/1+n

| (>/(—> () @

(28;
where

1+n
/2
c Iz /s

3 |

15

S W




Cg = laminar flat-plate drag coefficient from the
= Blasius relation based on q and s.

Ceg = turbulent flat-plate drag coefficient from the
t

Schultz-Grunow relation based on q and s.
iaminar flow: n =1
turbulent flow: n = 1/6

The actual calculation of momentum thickness is carried
out in a surface coordinate system where 2z is measured from the
leading edge along the surface of the duct and s is the surface
length of the duct. The point of transition of the boundary
layer from laminar to turbuleant is denoted by z . After the
boundary layer is computed in the surface coordinate system, the
results are transferred into a coordinate system based on axial
distance x and chord iength c.

Boundary-layer parameters were computed on the inside
surface of both ducts using measured and predicted velocity dis-
tributions. Computation of these parameters using the measured
velocity distribution was started at the leading edge. When the
predicted velocity distribution was used to compute the boundary-
layer parameters, the computation was started either at the lead-
ing edge or at the stagnation point on the outside surface.

RESULTS

The predicted force and moment coefficients are given
by Equations (3) through (10) in terms of the parameters AP/A,
c¢/D, and fn. Values for these parameters are listed in Table I1I
for both ducts. The fn are found by interpolation from Table 1,
Reference 2. The total measured force and moment coefficients
are deduced from force balance data. Individual duct and pro-
peller thrust coefficients are determined from integrat..ons of
measured pressure distributions over the duct surface ard total
pressure rake data just aft of the propeller.

16




Division of Thrust in Axial Flow

Four-foot model

For a series of axial flow runs with the 4-foot model
duct, the measured thrust coefficients are listed in Table III.
The sum of the individual duct and propeller measured thrusts
CTD . and CTP(D is equal to the total measured thru?t CTD
within 7 percent. The values of v/V and cTD(P) predicted
from the measured CT . are listed next. Finally, the values
of v/V and CTD . predicted from the measured GTP(D) are
shown. The latter values are obtained by use of Equations (3),
(1), and (5) in succession rather than by the usual method (Egs.
(10) and (5)).

Seven-foot model

Measured values of CT and CT are shown in
: DP D(P) .
Table III together with the predicted value of CTD(P)' The
effect of increased propeller blade pitch is indicated by the

last three runs.

Duct Force and Moment at Angle of Attack

Four-fcot model

Normal force and pitching moment coefficients predicted
versus the total thrust coefficient are shown in Figures 4 and
5, together with measured values. The data generally lie well
below the predicted curves, particularly the normal-force coef-
ficient. The measured duct normal force (deduced from the pres-
sure distribution) is considerably smaller than the measured
total normal force as shown in Table 1V.

Seven-foot model

Similar predicted and measured coefficients for the
larger duct are shown in Figures 6 and 7. The data are all for

the same propeller pitch and with the elevon either off or
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aligned with the duct axis. The elevon appears to have most
effect on the measured normal force at the highest angles of
attack.

Duct Pressure Diztributions in Axial Flow

Following the procedure described previously, the first
step in predicting the duct pressure distribution is tc fit Equa-
tion (12) to the duct camberline and solve for the four camber-
line coefficients R,. The computed values for R, are given
in Table II for both ducts. The thickness distributions for both
ducts were approximated by a NACA 0018 profile. The resulting
duct profiles (FPig. 3) fit the nose radius of curvature for both
ducts. However, the hook in the camberline near the leading
edge of the larger duct is not well represented. Attempts to fit
the hook with the four-term series caused a very poor fit over
most of the camberline.

The effective camber due to thickness (et in Eq. (13))
is given by Reference 6 for a NACA 0008 profile and c¢/D = 1/2.
Multiplication by 18/8 gives, for an 0018 profile and c¢/D = 1/2,

€ = 0.001 + 0.040 cos & + 0.013 cos 26 -~ 0.001 cos 36

This distribution was used for both ducts. The resulting Rn*
ccefficients for the effective camberline (Eq. (13)) are given
in Table II.

Fourier analysis by machine gives the series coeffi-
cients B, and B * which appear in Equations (15) and (16) for
the velocity components induced by the vortex cylinder trailing
from the duct. Machine computed values are given in Table V for
the two ducts.

The Pkﬂ coefficients which appear in Equation (19) are
found by interpolation from Tables 2.3 and 2.4 of Reference 4.

Values for the two ducts are given in Tables VI and VII.
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The Cn coefficients in Equation (17) for the duct-
bound vorticity Yp must be computed for each case since they
depend upon v/V. However, for no duct camber (Rn* = 0} the Ch
depend only upon c¢/D, and these values are given in Table V.

The S, coefficients in Equation (20) for the duct-
bound vorticity Y, ¢can be found by interpolation from Table 1
of Reference 2. Values for the two ducts are given in Table V.

Four-foot model

Duct pressure distributions computed for the smaller
duct in axial flow are shown in Figure 8 at three thrust levels.
Measured data are shown by the vertical lines to indicate the
variation with azimuth. The discontinuous change in predicted
pressure on the inner duct surface is caused by the pressure
jump across the assumed uniformly loaded actuator disk.

Seven-foot model

For a series of axial flow runs with the larger model,
the measured and predicted duct pressure distributions are shown
in Figure 9. The first three runs are for propeller blade pitch
B = 19°, and the last is for B = 29°.

Duct Pressure Distributions at Angle of Attack

Four-foot model

Pressure distributions measured and predicted for the
smaller duct at angle of attack are shown in Figure 10. The
corresponding pressure distribution for a = 0 is shown in Fig-
ure 8(b).

Total pressure distributions measured vertically across
the duct exit plane are shown in Figure 11. These data show
that the propeller loading was not uniform and that the flow was

separated from the lower inner duct surface 2 even at low angles
of attack.
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Seven-foot model

Pressure distributions measured and predicted for the
7-foot model duct at angle of attack are shown in Figures 12 and
13. The effect of angle of attack at a high advance ratio is
shown in Figures 12 and 9(b); and at a low advance ratio in Fig-
ure 13 and 9(c). All the data at angle of attack were taken 13°
off the vertical plane of symmetry (¢ = O in Sketch B).

Duct Boundary Layers

With the foregoing duct surface geometry and both mea-
sured and predicted surface-pressure distributions, duct boundary
layers were computed using the method previously described.
Bernoulli's equation was used to relate surface velocity and
pressure distributions. The boundary layers were computed only
on the lower inner surface® of the computed duct profile.

Four-foot model

For the smaller duct in axial flow at various advance
ratios, the boundary-layer momentum thickness, shape factor, and
surface-velocity distributions are shown in Figure 14. The mo-
mentum thickness was assumed zero at the leading edge in each
case. The turbulent boundary layers computed from the predicted
velocity distributions did not separate from the duct ahead of
the propeller. However, when the measured velocity distribution
was used for the hovering flight condition (J = 0) and a second
high thrust condition (J = 0.178), the boundary layer separated
slightly ahead of the propeller.

The boundary layer results for the duct at a = 80°

and
J = 0.166 are shown in Figure 15, where the measured and predic-
ted surface-velocity distributions (from Fig. 10(d)) are also

>The computed duct shape is the superposition of a NACA 0018
thickness distribution on the duct camberline shape from Equa-
tion (12).
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compared. The momentum thickness and shape factor were computed
from “he leading edge using both predicted and measured velocity
distributions. The boundary layer computed from the predicted
velocity distribution separates before that from the measured
velocity distributions. For the predicted velocity, the boundary
layer was also computed from the stagnation point at x/c = 0.60
with almost no change in the results.

For the larger duct at high advance ratio (J = 0.52) and
various angles of attack, the boundary-layer momentum thickness,
shape factor, and surface velocity distribution are shown in Fig-
ure 16. Using predicted velocity distributions, the boundary
° ana 20°,
and from x/c = 0.05 near the outside stagnation point at
a = 40°. The measured velocity distribution was also used for
a = 0° and 40°. Only the last of these computed boundary layers
separated. This result agrees with the measured pressure dis-

layers were computed from the leading edge at a = 0

tributions where separation is evident at a = 40° (Pig. 12(b)).
For the measured pressure distributions at lower advance

ratio (Fig. 13), separation was computed at x/c = 0.21 for

a = 20° and x/c = 0.18 for a = 40°. The effect of separation

was not evident in the measured pressure distribution evcept at

higher angles of attack.

Duct Stall Boundary

The location of boundary-layer separation on the smaller
duct, as computed from measured and predicted velocity distribu-
tions, is shown by the points in Figure 17(a). The upper-dashed
curve is the boundary correspcnding to separation midway between
the leading edge and the propeller (at x/c = 0.15). This
boundary is estimated from the points computed with measured
velocity distributions. The other dashed curves correspond to
separation at other values of x/c as estimated from the com-
puted points. Also shown in this figure is the stall boundary
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deduced froii the measured pitching mcment, sound level, and
visualization of tufts on the inner duct lip (Ref. 5).

For both ducts in axial flow, the location of boundary-
layer separation computed from measured velocity distributions
is shown in Pigure 17(b).

All of the computed separation points on both ducts are
shown in Figure 18. The points are plotted versus a Reynolds
number based on a length [ obtained from a straigh line through

the separation point on a u(x) plot as indicated in Sketch C
and Figure 18.

(b)
Separation points for velocity
profile b.

max Separation point for

straight line velocity
profile

(a)

0 2 £,

Sketch C.- Linear approximation to duct velocity distributions.

The curved line in Figure 18 shows that the separation points
for a series of straight line velocity profiles, computed by the
Truckenbrodt method as before, are all at nearly a constant
velocity ratio, usep/umax « 0.65. The points which lie below
the curve are for velocity profiles which are concave downward,
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for example, curve (a) in Sketch C, or the dashed curve in Fig-

ure 15. On the other hand, the points which lie above the curve
are for convex upward profiles such as curve (b) in Sketch C, or
the lower dashed cruve in Figure 14.

DISCUSSION

Division of Thrust in Axial Flow

In axial flow, the 4-foot model duct thrust predicted
both from the measured total thrust and the measured propeller
thrust (Table III) agrees with the measured value within +10/-12
percent. This agreement seems satisfactory in view of the fact
that the theory neglected the observed non-uniformity of propel-
ler blade 1loading and the prevalence of flow separation from the
duct diffuser in addition to many other real effects.

For the 7-foot model duct in axial flow, the measured
duct thrust generally exceeds the predicted value (Table III).
The flow separated from the inner duct surface upstream of the
propeller when CTDP > 2 according to the boundary-layer pre-~
dictions using the measured pressure distributions (Fig. 17).

The predictions did not account for the hook in the duct camber-
line near the leading edge or the duct frictional drag. However,
calculations indicate that both of these effects are appreciable
only at low tnrust levels. Calculations also indicate that the
thrust on the 7-foot model (but not the 4-foot model) duct is
predicted more accurately when the pressure rise across the

actuator disk is assumed to act on the aft part of the inner duct
sur face.

Duct Force and Moment at Angle of Attack

The main difference between the measured and predicted
performance of the two ducted propellers is the normal force at
angle of attack. The measured values for the 4-foot model duct

23




(Fig. 4) are generally much smaller than for the 7-foot model
duct (FPig. 6), particularly at high thrust levels. The predicted
normal force is nearly the same for the two ducts and generally

in good agreement with the data for the larger duct without the
elevon (Fig. 6(a)). The data and predictions both indicate that
there was considerable flow separation from the 4-foot model duct
at angle of attack., However, it appears that the very low normal
force measured for the smaller duct at high thrust level was
caused largely by the concentration of propeller thrust loading
toward the hub. Except for this effect, one might expect the nor-
mal force on the smaller unit to be greater than predicted for the
duct alone because of the large centerbody and large number of
stator and propeller blades. Theoretical estimates® indicate

that concentration of the propeller loading toward the hub does
cause the duct normal force to decrease significantly at high
thrust level but has little effect orn the duct thrust. The pitch-
ing moment appears to be well predicted for both ducts (Figs. 5
and 7).

Duct Pressure Distributions in Axial Flow

The pressure distributions for the 4-foot model duct
(Fig. 8) appear to be reasonably well predicted. At the higher
thrust levels, and particularly for the hovering flight condition,
the pressure on the inner duct surface aft of the propeller is
lower than predicted. This is probably due to the fact that the
propeller loading is concentrated near the hub so that the full
disk pressure jump is not applied suddenly to the duct surface.

The pressure distributions for the larger duct (Fig. 9)
are accurately predicted on theouter surface. However, on the

®Kriebel, A. R.: Investigation of Dynamic Stability Derivatives
of Ducted Propellers, lst Quarterly Progress Rpt., Vidya Project
No. 9270, Contract NOw 65-0348-c, June 1965.
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more critical inner surface, the pressure is predicted less accu-
rately than for the smaller duct. This is particuiarly true when
the blade pitch and thrust coefficient are high (Fig. 9(c)).
Although the presence of the elevon appears to have little effect
on the duct pressure distribution, increased blade pitch at a
fixed thrust lowers the measured pressure over the inner duct
surface. The effect is complicated by the fact that separation
of the boundary layer slightly ahead of the propeller was com-
puted for all of the pressure distributions shown at the higher
blade pitch. Such separation and possible reattachment after the
propeller would probably be affected by the loading of the pro-
peller blade tips.7

The discontinuity in duct pressure predicted for a uni-
form actuator disk loading is not evident for either ducted pro-
peller. This can be attributed to the low loading of the propel-
ler blade tips for the smaller unit as mentioned earlier. For
the larger unit the blade tips were apparently more highly loaded,
but the computed duct boundary layer separated near the propeller
except when the blade loading was low. The separation of the
duct boundary layer may have caused the pressure discontinuity on
the inner duct wall to be smoothed out similar to a shock wave-
boundary layer interaction. The predicted pressure gradient on
the inner duct surface can be improved by smoothing out the dis-
continuity across the actuator disk.

7Recently, rake data were obtained approximately 10 inches up-
stream of the duct exit for a =0, 8 = 29°, J = 0, 0.22, 0.45,
0.62. The measured total pressure was very uniform for each
one of these runs except within the duct boundary layer (about
2 in. thick) and toward the centerline (r ¢ 18 in. where
Ap = 0). The low dynamic head in the central part of the slip-
stream is believed to have: (1) caused the velocity over the
inner duct surface to be higher than predicted, and (2) reduced
the effectiveness of the elevon.
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Duct Pressure Distributions at Angle of Attack

The predicted pressure distributions at angle of attack
are in overall qualitative agreement for both ducts (Figs. 10,
12, and 13). However, the accuracy is poorest on the most criti-
cal surface 2. For surface 2 the pressure is underpredicted more
for the smaller than for the larger duct. This is in agreement
with the fact that the normal force on the smaller duct was over-
predicted whereas the normal force on the larger model was not.
For the smaller duct the inaccuracy of prediction is ascribed to
the prevelence of flow separation from the duct and the nonuni-
formity of the propeller loading.

For the larger duct at low tarust coeffic:-ent (Fig. 12(a)),
the pressure gradient on the uppermost surface 4 is more adverse
than predicted. This is believed to be ¢ "i1sed by tlie hook near
the leading edge of the actual camberline (Fig. 3) which cannot
be accurately represented by the four-term series expression for
the camberline. The corresponding suction peak is much smaller
for the smaller duct. As the angle of attack is increased to
40° in Figure 12(b), the flow separates from surface 4. The flow
is also separated from surface 2 in Figure 19(b) as shown by the
measured pressure distribution and the boundary-layer calcula-
tions.

At higher thrust coefficient (Fig. 13), the stagnation
point moves onto surface 4 and the pressure gradient becomes
favorable. The computed separation on surface 2 was near the
propeller and the separation bubble did not appear in the data
until a exceeded the values shown here. Hence, the predicted
pressure distributions are relative accurate.

Duct Boundary-Layer Calculations

In Figure 14, the difference in pressure gradient up-
stream of the propeller causes the boundary layer corresponding
to the measured pressure to separate ahead of the propeller while
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the predicted pressure boundary-layer does not. However, when
the boundary layer separates farther forward similar results are
obtained using measured and predicted pressure distributions
(Fig. 15).

Starting point

In Figure 15, the boundary layer computed from the lead-
ing edge is compared with that computed from the outside surface
stagnation point. Up to the leading edge the pressure gradient
is highly favorable and the momentum thickness at the leading
edge is quite small. There is only a small difference in momen-
tum thickness on the inside surface and negligible difference
(< 0.01c) between the computed separation points. Therefore, the
additional effort required to compute the boundary layer from
the stagnation point does not seem required.

Seven-foot model

The measured pressure distribution on the duct at
o = 40° (Fig. 12(b)) indicates a separated region at x/c = 0.05.
The boundary layer computed from the leading edge using the mea-
sured pressure distribution separates at x/c = 0.032. Since
this pressure distribution clearly indicates a separation region,
the computed result is encouraging in terms of the method used to
predict the boundary layer. No separation was computed using the
predicted pressure distribution, but this distribution was in-
accurate because of the flow separation.

Four-foot model

A summary of all the computed separation points for the
smaller duct is shown in Figure 17(a) . The dashed curves indicate
the location of separation on the windward inner duct surface 2
as estimated from the computed points. These curves are obviously

rough estimates because of the small number of points. The
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upper dashed curve, which can be¢ ¢..imated more accurately than
the others, gives the estimated 1iic™% conditions {angle of
attack versus advance ratio) for separation about midway between
the duct lip and propeller (x/c = 0.15). The stall boundary
deduced in Reference S from sound, tuft, and pitching moment
data lies somewhat alkove the upper dashed curve, hence, thic
stall boundary apparently correspcnded to separation very near
the leading edge of the duct. The lowest dashed curve indicates
that separation is expected to occur before the propeller except
for low angle of attack and high advance ratio. The dashed curve
for separation at x/c = 0.24 indicates that this is the calcu-
lated location of separation for hovering flight (any a at

J = 0) and that there are values of o for J > 0 which fix
the separation point at x/c = 0.24. A "duct stall boundary"
could be defined to correspond with a fixed location of separa-
“ion before the propeller. This boundary would then correspond
with any one of the curves indicated in Figure 12(a) depending on
the chosen location of separation.

Boundary-Layer Separation in Axial Flow

The co.puted separation points for both ducts in axial
flow are compared in Figure 17(b). When the total thrust coeffi-
cient is near 20 it can be seen that the boundary layer on the
larger duct separates slightly farther forward, however, the
larger duct carries a considerably larger fraction of the thrust
(Table III). The computed boundary layers on both ducts in axial
flow are separated ahead of the propeller when Crpp ~ 2- With-
out unsteady effects due to finite propeller blades, the boundary
layer was computed beyond the propeller for both ducts in axial
flow using the measured velocity distribution. Separation oc-
curred on the smaller duct at x/c = 0.65 for CTDP = 0.684 and
on the larger duct at x/c = 0.65 for Cppp = 0.890. Thus, the
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computed boundary layers on the inner surface of both ducts sepa-
rate even for thrust coefficients smaller than unity.

Boundary-Layer Separation Summary

The computed separation results for both ducts are com-
pared in Figure 18. The solid line gives the velocity ratio for
separation as predicted for a constant adverse velocity gradient
indicated in Figure 18. The points which lie above the curve are
for increasingly adverse velocity gradients such that u(x) is
convex upward. The points below the curve are for u(x) curves
which are sharply peaked near the leading edge and convex down-
ward. It can be seen that all of the computed separation poin.s
lie within a rather narrow band of velocity ratio, 0.6 g?ggo.&
By use of Figure 18, one can predict the location of sepa?gtion
for a typical duct velocity profile rather closely.

CONCLUSIONS AND RECOMMENDATIONS

The ability of previously developed theory for a ducted
propeller at angle of attack to predict the duct-to-propeller
thrust ratio, the normal force, and the pitching moment has been
evaluated by use of wind tunnel data for two large-scale ducted
propellers. The theoretical predictions were extended to include
the pressure distribution, boundary layer, and stall boundary for
the duct.

The experimental data presented herein show that the
flow over a ducted propeller at angle of attack is generally very
complex with much free vorticity generated by non-uniform blade
loading and separation of the flow from the duct and centerbody.
Specifically, the rake data for the 4-foot model show that the
blade loading was concentrated near the I » and that the flow

was generally separated from the inner duct surface.
The theoretical flow model concentrates the free vor-
ticity into a thin duct boundary layer and a single vortex
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cylinder trailing from the duct. Nevertheless, this simple model
succeeds in predicting at least qualitatively the force and mo-
ment, the pressure distribution, and the separation of the bound-
ary layer over the entire operating range of propeller thrust and
free-stream angle of attack.

The following specific conclusions are drawn from the
experimental data and theoretical calculations reported herein.

{1) The duct thrust force and pitching moment, as pre-~
dicted for a thin cylinder surrounding an actuator disk, corre-
spond reasonably well with the measured data. Ir hovering flight
the 4-foot model duct carries about 50 percent of the total
thrust and the 7-foot model duct about 60 percent. For the
larger model, the duct thrust is predicted more accurately with
the assumption that the pressure rise across the actuator disk
acts on the inner duct surface aft of the propeller. This is not
the case for the smaller duct, apparently because the propeller
loading is low near the blade tips.

¢2) The duct normal force at anéle of attack is well
predicted for the 7-foot model and considerably overpredicted for
the 4-foot model. This difference is also believed to be caused
by the concentration of propeller loading nearer the hub for the
smaller model, since theoretical estimates indicate that the duct
normal force decreases with reduced loading of the propeller
blade tips.

(3) The duct pressure distributions predicted for axial
flow correspond reasonably well with the measured data. However,
when the thrust level and blade pitch are both high, the pressure
on the inner surface of the 7-foot duct is lower than predicted,
and the predicted discontinuity in pressure across the propeller
is not evident in the data. These differences are believed to be
caused by low loading of the central part of the propeller and
separation of the duct boundary layer as predicted before the
propeller except at low thrust.
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(4) The predicted duct pressure distributions at angle
of attack are in qualitative agreement with the data, but they
are not always quantitatively accurate, particularly in the crit-
ical region Zor flow separation, inside the windward duct lip.

(5) PFor both ducts in axial flow, separation of the
boundary layer on the inner surface is predicted to occur before
the propeller except when the advance ratio is high and the
thrust coefficient is low. Separation is predicted slightly far-
ther forward on the 7-foot model duct than on the 4-foot mode’
duct for the same thrust cosfficient in axial flow, however, t e
duct-to-propeller thrust ratio is higher for the larger duct.
The prediction of flow separation from the inner duct lip of the
4-foot model duct at angle of attack corresponds well with the
stall boundary deduced experimentally from tufts, sound level,
and pitching moment.

The general conclusion of this study is that the differ-
ence between the measured performance of the two ducted propellers
and the theoretical predictions is caused mainly by diff crences
in blade loading distribution and the prevalence of flow separa-
tion from the inner duct surface. More data and theory are needed
to define and predict the distribution of blade loading, the duct
boundary layer, and the interaction between the propeller blade
tips and a region of flow separation.

It is recommended that total pressure cake data be ob-
tained to determine the radial distribution of blade loading
together with data to locate transition and separation of the
duct boundary layer. Such data could be obtained for hovering
flight quite readily without the use of a wind tunnel.
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LIST OF SYMBOLS

area of duct exit plane, 2 /4

propeller disk area, 7/r GPE - Dﬂz>

Fourier series coefficients for VY’ Equation (16)

Fourier series coefficients for uy, Equation (15)

chord length of duct

Glauert series coefficients for v, Equation (20)
pitching moment coefficient, M/RAq

Glauert series coefficients for Yp> Equation (17)
normal force coefficient, N/Ag

pressure coefficient, 1 - uSZ/V2

thrust coefficient, T/Aq

diameter of duct exit plane and duct reference
cylinder

maximum diameter of ‘hub
diameter of propeller, ft
functions of ¢/D, Equations (4), (5), and (6)

boundary-layer shape factor, 6*/6

propeller advance ratio, V/nDP

length derived from duct velocity profile (Fig. 30)
aerodynamic pitching moment about the duct midchord

diameter, positive clockwise, Sketch A
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propeller rotational speed, rev/sec

nurmal force, Sketch A

measured total pressure

free-stream total pressure

coefficients from Reference 4, Tables VI and VII,
Equation (19)

free~stream dynawnic pressure, pV2/2

local radius of duct surface, Sketch B

radius of duct exit plane, D/2

Reynolds number based on momentum thickness 6, us(e)/v
free-stream Reynolds number per foot, V/v

Fourier series coefficients of duct camberline, Equa-
tion (11)

Fourier series coefficients for effective camberline
of thick duct, Equation (13)

duct thickness, Sketch B
thrust force, Sketch A
local velocity in the duct boundary layer

local velocity at duct surface, and at duct camberline,
Sketch B

axial and radial velocity components induced at duct
reference cylinder by trailing vortex cylinder, Equa-
tions (15) and (16)

axial and radial velocity components induced at duct
reference cylinder by vorticity bound to duct refer-
ence cylinder, Equations (18) and (19)

axial velocity generated at duct reference cylinder by
angle of attack, Equation (20)
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free-stream velocity, Sketch A, ft/sec

axial velocity component in slipstream, Sketch A

. axial distances defined in Sketch B

distance from duct wall within the duct boundary layer
free-stream angle of attack, Sketch A

propeller blade pitch angle measured at the blade tip
for the 4-foot propeller and at 3/4 blade radius for
the 7-foot propeller

strength of vortex cylinder extending from duct trail-
ing edge, Sketch A

axially symmetric component of duct bound vorticity,
Equation (17)

component of duct bound vorticity proportional to
cos ¢, Equation 20

free-stream density

displacement thickness of duct boundary layer,

. u
f <E - T‘j) dy
o ts
deflection angle of elevon, degrees

kinematic viscosity of air

rise in static and total pressure across actuator disk,
Tp(p)/Pp

slope of duct camberline, effective slope, effective
slope due to duct thickness, Equations (1l1l) and (13)

transformed axial distance, x_ = -(c/2)cos 6, Sketch B,
or momentum thickness of duct boundary layer,

o0 .
f .U_Q u_ d
- '4
o ug ug
azimuthal angle, Sketch B
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Subscripts

19) 4 for the ducted propeller combination

D(P) for the duct in the presence of the propeller (or
actuator disk)

£ laminar

max maximum

P for the propeller

P(D) for the propeller (or actuator disk) shrouded by the
duct

sep separation

t turbulent
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TABLE I

EFFECT OF PROFILE THICKNESS ON
SURFACE VELOCITY DISTRIBUTION

;%=§l;cot% -:—3— %§=F(x)
Y& t =0, c,=1| NACA 0018, ¢, = 1| NACA 0018, a = 0
(Eq. (24)) (p. 325, Ref. 8) (p. 325, Ref. 8)
0 ) 1.342 0
0.005 2.25 1.178 0.682
. 025 .994 .861 1.103
.05 .695 .662 1.228
.1 .478 <479 1.276
.2 . 319 .320 1.275
.4 . 195 .184 1.205
.6 .130 .113 1.116
.8 .079 .063 1.025
1.0 0 0 0
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SHAPE PARAMETERS FOR THE TWO DUCTED PROPELLERS

TABLE Il

Parameter ;;g:gt ;;gggt
Dy (in.) 48.0 84.7
D, (in.) 16.0 17.5

D (1in.) 54.3 93.3

c (in.) 33.0 49.0
tmax(in.) 5.2 8.4
(t/e) ax 0.158 0.172
xP/c .293 . 286
AP/A .70 .79
c/D .608 .525
£ 3.30 3.10
f2 0.54 0.53
£, 1.95 1.90
£, 0.93 0.92
£, .29 .22
f6 1.49 1.50
f7 1.92 1.87
fsf6+f7 2,35 2.20
Ro -0.007 -0.040
R:L - .007 - .068
R, - .040 - .058
R, .039 - .013
Ro* - .008 - .041
R * - .047 - .108
R_* - .053 - .071
Rs* .040 -~ .012
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COMPARISON OF MEASURED TOTAL NORMAL FORCE cl"DP AND

TABLE IV

MEASURED DUCT NORMAL FORCE D(P) FOR
FOR THE 4-FOOT MODE
C C
J ( dea) Npp Np(p)
9 Measured Measured

0.542 20 1.28 0.66
. 540 40 2.29 1.20
.542 60 2.65 1.53
0.178 20 1.55 1.16
.178 40 3.39 1.83
.176 60 5.42 2.06
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TABLE V

COMPUTED PCUKRIER COEFFICIENTS FCOR THE TWO DUCTS

Parameter 4-f§3§tmodel 7-fogicgode1
Bc -0'2305. -0, 2487
B, . 2850 .2210
B, - .1630 - .1625
B, .1068 . 1065
B, - .0795 - .0796
B, . 0638 . 0640
BO* . 1427 .1509
B * - .0821 - .0774
B_* .0170 .0147
B;* - .0042 - .0035
B * .0016 . 0014
B_* - .0008 - .0007
Parameter 4-foot model 7-foot model

(for R * = 0) duct duct
Co 0.4922 0.5259
c . 7402 . 7270
C2 - .3142 - .3154
C, .2107 .2107
C, - .1589 - .1591
C, .1277 .1280
, . 955 .995
c, - .280 - .247
c, - .027 - .020
cs,c4,c5 0 0
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o

{(a) 4-foot model.

Figure 1l.- Ducted propellers mounted in the Ames
40- by 80-foot wind tunnel.
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(b) 7-foot model.

Figure 2.- Ducted propeller cross sgections.
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Figure 8.~ Pressure distributions for the 4-foot model duct
at a = 0.
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Figure 8.~ Continued.

55

.—,‘M'




Experimen.
-800 + Inner surface
QO Outevr surface
Theory
=700 § v/V = 13,3,4p/q = 203 ~

=600

=500

=400

-300 '

-200

=100

1
RNE
N

0 0.2 0.4 0.6 0.8 1

(¢) g =0 = 306
’ cTDP
Figure 8.~ Concluded.




.
. .__...--.,A\M

| | i
Exgeriment
4 Inner surface

QO Outer surface
Theory —
- v/V = 0.130, Ap/q = 0.277

o

11

+1

0.4 0.6 0.8 1.0

x/c
= 0.220, B = 190, elevon off,

0 0.2

(a) J = 0.617, CTDP

Figure 9.~ Pressure distributions for the 7-foot model duct
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Figure 9.- Continued.
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Figure 13.- Pressure distributions for the 7-foot modei duct
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AEROTHERMODYNAMIC PERFORMANCE OF A HIGH
BYPASS TIP TURBINE CRUISE FAN SYSTEM

by

EUGENE G. SMITH

Lift Fan Systems Operation
Advanced Technology and Demonstrator Programs Department
General Electric Company
Cincinnati 15, Chio

ABSTRACT

One of the promising propulsion systems for use in V/STOL aircraft
systems is the high bypass lift/cruise fan. This system incorporates the
turbomachinery of the tip turbine driven 1lift fan presently powering the
XV-5A research aircraft. These high bypass systems require inlet and exhaust
system geometry outside the range of most existing test results.

A test program was initiated to provide large scale model aero-
dynamic and thermodynamic performance characteristics for this lift/cruise
system installation. The model incorporated a propulsion system consisting
of the X-376 pitch fan from the XV-5A aircraft, with a bypass ratio of ten,
and a T58 core engine. Model geometry was obtained by changing the fan inlet
and exhaust system., Testing was performed in the NASA-langley 16 foot wind
tunnel covering a range of zero to 0.85 Mach.

This paper presents the results of this test program in terms of:
o Lstimated remote fan and axisymmetric nacelle performance

0 Performance of fan and close-coupled engine-fan nacelles including

interference problem caused by nacelle intersections




>
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o Possible solutions to problems of close-coupled system as applicable
to future test programs and designs of full scale high bypass 1lift/
cruise fan systems.

NOTATION

AI - 1inlet leading edge area

Ao - gtream tube area for inlet mass flow
Aﬂ - nacelle area based on maximum diameter
D
CD“ - nacelle drag coefficient, F
n
cP - pressure coefficient
DN - nacelle external drag
DI - mnacelle leading edge diameter
D,m - 1inlet throat diameter
D - mnacelle maximum diameter
max
K = 1inlet loss correction factor for mass flow ratio

LI = 1inlet length from maximum diameter to leading edge

l.N - mnacelle length
I“l‘ - total installation length
MCR - Mach number for local critical flow

MO - free-stream Mach number

9, - free-stream dynamic pressure

Qg =~ Aaverage velocity at inlet throat based on total pressure and
flow




.
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] - fan flow coefficient, ratio of inlet velocity to fan tip speed

Y ~ fan pressure coefficient, ratio of fan pressure rise to dynamic
pressure based on fan tip speed

ﬂs - fan stage efficiency, ratio of fan horsepower developed to turbine

power extracted

€l
]

inlet loss coefficient based on throat velocity head

INTRODUCTION

Recent incr-~sed emphasis on V/STOL aircraft systems has shown the
need of several new families of propulsion systems. One of the promising
systems in the high bypass category is the lift/cruise fan. This propulsion
system incorporates the principle of the tip turbine driven fan. The main
propulsion system component is the fan rotor, consisting of a single stage
fan with the turbine blades attached around the periphery of the fan blades.
This component is an outgrowth of the technology of the fan systems presently
used in the XV~5A research aircraft. Figure 1 shows the present wing fan
rotor system used in the XV-5A aircraft.

In addition to the rotor, the complete propulsion package consists
of the inlet and exhaust systems for the fan, and the manifolds required for
ducting the core engine exhaust gases to the fan tip turbine. Figure 2 shows
a typical lift/cruise fan system. The fan inlet consists of the bulletnose
and nacelle front cowl, The cowl is designed to meet both static takeoff and
cruise requirements as well as providing an enclosure for the hot gas ducting.
The installation as shown in a close~coupled arrangement where the gas
generator or core engine nacelle is close to or part of the fan inlet
system. Another typical installation is the remote arrangement that petr-~
mits locating the core engine in any convenient position and ducting of the

hot gas flow to the fan nacelle through a pylon mount.

The exhaust system for the fan forms the nacelle afterbody and
provides a means of area control for the fan system. The typical arrangement

as shown uses a convergent plug nozzle with an inflatable rubberized fabric




boot on the plug, providing a two position nozzle. Both the hot turbine and
cold fan flows are discharged through the common nozzle annulus; the cold

flow being adjacen to the nozzle plug system.

Design studies have shown that a typical optimum lift/cruise fan
system will have a bypass rativ of between 5 and 8 and a fan pressure ratio
of 1.3 to 1.5. At present there is no operating full scale fan hardware in
this range of pressure and bypass ratios, one of the closest systems is
being the pitch control fan of the XV-5A. This fan system, designated
X-376, has a bypass ratio of about 10, a pressure ratio of 1.1, and a fan
tip diameter of 36 inches. In order to obtain much needed installation
aerodynamics applicable to the lift/cruise fan systems, a test program
utilizing the X-376 fan system was initiated. The tests were performed
in the NASA-langley 16 foot transonic wind tunnel under the sponsorship
of the U.S. Army Aviation Materials Laboratory.

This paper presents some of the most important performance criteria
obtained during conduction of the test program. The results of the test

program are reported fully in Reference 1.

THE TEST MODEL

The model (Figure 3) used in the test program consisted of the
following major components arranged as a close-coupled lift/cruise fan

system:

The X-376 fan system

A T-58 core engine

The engine inlet nacelle

Three interchangeable fan inlet cowls

Three interchangeable afterbody systems

O 0 o o o o

Three interchangeable nozzle plug systems.

The combination of interchangeable components provided for twenty-
seven possible tes” configurations. FEight of the most realistic configura-

tions were tested. Pertinent geometric data for the eight test configurations
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are given in Figure 4. The test models covered a range of design cruise
Mach numbers from 0.55 to 0.8, with variations of both nozzle area and
afterbody length.

The test model was sting mounted in the wind tunnel (Figure 5),
with the engine inlet located below the fan inlet centerline. This arrange-
ment is inverted from the normal expected installation as an aircraft
propulsion system, but was required to facilitate installation in the
wind tunnel.

Instrumentation was provided for measurement of pressure distri-
butions on both the internal and external surfaces of the model. In addi-
tion, the flow conditions were measured at the inlet and discharge planes
of the core engine and fan system. This instrumentation provided data for
evaluating propulsion system interncl and nacelle external perfcormance.
Total model forces were measured by a three component strain gage balance
located at the attachment of the model to the sting mount.

The test prcgram included investigation of system performance for
a range of Mach numbers up to 0.85 at various power settings of the propul-
sion system. Performance under couditions of variable angle of attack were

investigated on one of the test models, but will not be discussed in this
presentation.

PRESENTATION OF RESULTS

Since the model used in this test program included a complete
propulsion system in addition to an aerodynamic model, the test results will
be presented as two different categories. The first catagory will involve
the aerothermodynamic performance of the fan system under conditions for
forward speed. Normal propulsion system parameters will be used such as
thermodynamic efficiency and fan pressure ratio. The second catagory and
the main body of the results will involve the aerodynamic performance of the
fan inlet and afterbody systems. The performance in this case will be
presented as local surface velocity distributions using pressure coefficient

notation. Particular attention will be directed to the levels of the maximum

S

e L e e

P U REUNT PR

e, Vo




surface velocities and the conditions required for establishment of local
velocities greater than critical (Mach number equal to 1). The conditiomns

i required for local critical flow will be discussed and compared with similar
existing test results.

Test Results - Propulsion System

LS

The X-376 fan system is presently installed as the pitch control fan
of the XV-5A aircraft. In this installation,the fan is installed with its
axis normal to the free-stream velocity. Fan performance has been investi-
gated for a range of flight speeds up to 100 knots. The lLangley installation
as tested, provided the first source of test data for the fan installed with
its axis aligned with the flow direction at speeds up to a Mach number of
0.85. A second installation difference existed in that the fan exhaust
system incorporated a confluent or mixed flow nozzle system. This type of

nozzle is characterized by the merging of both the fan turbine and fan

discharge streams prior to accelerating the mixed flow in the nozzle throat.
In this system, there is an interaction of the two flow streams that is of

interest in temms of effects on propulsion system performance.

Figure © shows a typical fan operating map obtained while testing
one of the eight test models. Fan operation in this case is depicted as the
variation of stage efficiency and pressure coefficient with fan flow coeffi-
cient. These are conventional parameters presently used in defining perfor-
mance of a single stage fan system with relatively low pressure ratios. The
data shown in the figure represents the complete test range from static to
a Mach number of 0.8. The complete range of core engine power settings from
"windmill" to "maximum" is also included in the data. Windmill is the con-
dition with the core engine inoperative and fan rotational speed provided by
the ram drag forces. The significance of this single performance charac-
teristic is the convergence of all data into a single characteristic, that
also agrees quite well with the predicted performance. This 2ffect lends to
confidence in predicting cruise fan performance based on static or predicted

performance. An almost identical characteristic was obtained for the seven
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other test models, indicating that reasonable changes in nacelle geometry

do not produce significant changes in propulsion system performance.

The second important propulsion system performance parameter that
was verified by this program, was the performance of the exhaust nozzle
system. In analysis of mixed flow cruise fan system, it has been normal to
assume the static pressure of the fan and fan turbine flows to be equal at
the plane where mixing is initiated. Measurements of the pressures in this
plane of the model, verified this assumption within reasonable accuracy.
All eight test models, covering a range of exhaust nozzle geometry showed

that these pressure levels were equal.

Utilizing the fan map presented above, the verification of equal
static pressure at the discharge plane, and an assumption of an ideal inlet
and exhaust system, the performance of the X-376 fan system as a lift/
cruigse fan can be obtained readily and is shown in Figure 7, Here, fan
net thrust, power requirements and optimum nozzle area are presented
versus flight Mach number. Two levels of nacelle drag coefficient are
shown. As can be seen, nacelle drag has significant effects on system
thrust for a low pressure ratio fan system. Effects of nacelle drag are

less for a higher pressure ratio system.

Test Results - Inlet System

Some of the most significant results obtained during the test pro-
gram involved the aerodynamics of the numerous nacelle geometries in a
typical close-coupled lift/cruise fan installation. Representative remote
lift/cruise fan installation performance, may be assumed to exist on the
axisymmetric part of the nacelle opposite the core engine nacelle. The
following is a discussion of some of the inlet performance obtained by

analysis of the test results.

Fan inlet internsl performance may be presented in two ways; first,

the effects of inlet geometry on inlet total pressure losses and, second, the

relationships of local maximum surface velocities on the inlet loading edge.

The three inlet geometries tested are shown in Figure 8 for reference.
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Pigure 9 presents typical inlet loss coefficient variation with mass
flow ratio for the three inlet systems. The fairing of the actual test
results is shown as a solid line. The dashed curves represent an empirical
correlation of the test data using the following equation: -

L[ -t

W = 0.017 D (X)
TH
The first part of the equation is an empirical factor relating inlet _E
loss with inlet length and diameter at static conditions. The second term is
an empirical constant that is a function of mass flow ratio as shown in
Figure 10. The agreement of the empirical equation and the actual test data
is very good. This correlation can be a useful tool in predicting perfor-
mance of lift/cruise fan system where inlet loss-s have significant effects
on total installed performance.

The second indicator of inlet performance is the maximum surface
velocity near the inlet leading edge. Figure 11 shows a typical family of
inlet internal pressure distributions for one of the test inlets covering
a range of test Mach numbers and mass flow ratios. Correlation of the peak
pressure coefficient with mass flow ratio is shown in Figure 12. The two
longer inlet systems, inlet 1 and 2, exhibit similar characteristics. Inlet
3 shows significantly higher velocities at the higher speed condition, high
values of AI/AO. This difference may be attributed to the extension of the
bulletnose foreward of the inlet leading edge. The data shows that an inlet
system of the type tested, all having an inlet leading edge diameter of 1.13
times the throat diameter, will have a peak local velocity of about 1.6 times
the calculated average velocity. Using local sonic flow as a criteria, this
limits the inlet mass flow at static condition to 84 percent of the theoret-
ical choking value.

Tcits under conditions of variable angle of attack showed that the
nacelle angle of attack must be greater than 12 degrees before the peak inlet
internal velocity exceeds the levels as occur at static conditions. This

tends to indicate that the design conditions for the inlet throat size is
established by the static operating conditionm.




Nacelle external performance may be investigated by observing the
levels of maximum velocity on the inlet external surface under conditions of
forward speed and varying mass flow., Figure 13 shows a typical set of
nacelle pressure distributions taken at low Mach numbers and at different
mass flow ratios. The pressure distributions are typical of a low speed
inlet of this type and exhibit highest local velocities under conditions
of minimum mass flow ratio. It should also be pointed out that the levels
of pressure coefficient around the nacelle system vary considerably; minimum
pressure coefficients occur in the region of the fairing of the fan inlet

to the engine nacelle.

Cross-ploting the numerous pressure distributions for the eight
test models for a range of mass flow ratios and free-stream Mach numbers

yielded the following conclusions:

o The peak velocities on the fan inlet external surface are independent

of afterbody geometry for the range of models tested.

o Peak pressure coefficient levels are generally ltigher in the region
of the fairing and approach critical flow condition at Mach numbers
lower than expected based on axisymmetric inlet design criteria.

o Characteristic increases in peak pressure coefficient were observed
with conditions of decreasing mass flow ratio and increasing Mach

number.

Faired test data, showing effects of free-stream Mach number and
inlet circumferential position, are presented in Figure 14, for the three
inlet geometries. The rise in pressure coefficient with Mach number agrees
quite well with typical theories of compressibility. The variation of
critical Mach number with circumferential position is also apparent, showing

interaction effects at the fairing section ¢f the inlet.

Effe-t of mass flow on local peak pressure coefficient are also

shown in Figure 15.
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Low Mach number conditions are shown in these figures because
restriction in propulsion system operation did not permit large excursions
of mass flow at the higher Mach numbers. This restriction existed because
at high speeds fan rotational speed at windmill conditions and maximum power
conditions were equal, and consequently mass flow did not vary.

Making use of this data for relatively short inlet systems and the
previous correlations performed in Reference 2, a set of design characteris-
tics for selection of inlet geometry based on local critical flow were
obtained. These characteristics are shown in Figure 16 and 17. Using the
same criteria as in Reference 2, Figure 16 shows the variation of critical
Mach number with both inlet length and inlet leading edge diameter. In
general, increases in inlet length and increases in inlet diameter result
in higher Mach number capability for the inlet. However, mass flow ratio
must be greater than that shown in Figure 17 in order for the critical Mach
number characteristics to apply. This figure shows that incresses in inlet
diameter cause additional restrictions in mass flow ratios at which the
inlet can operate. An iterative procedure of designing an inlet system,
taking into consideration inlet mass flow ratio, design Mach number and
geometric limitations, is required.

FAIRING RECONTOUR BASED ON TEST RESULTS

As previously pointed out in the discussion, the region in the
vicinity of the fairing exhibits large negative pressure coefficients and
consequently low critical Mach numbers. Making use of the test data of Figure
15,16 and 17, it is possible to develop a criieria for red=2sign of the fairing
region for nearly uniform circumferential velocity distributions. Comparison
of conditions for equal pressure coefficients, tends to indicate that the
fairing region is operating with a mass flow of about 1.4 times the equivalent
axisymmetic condition, This infers that the inlet leading edge in the fairing
is spilling not only the normal amount of flow, but an additional 40 percent
that is not syilled over the inlet in the vicinity of the engine nacelle.

This leavel serms quite reasonable, Making use ol this additional spillage or

reduced mass flow ratio, it is possible to determine a set of characteristics

10




applicable to redesign of the inlet contour in the engine to fan nacelle
fairing region. Figure 18 shows the proposed design parameters applicable
to the fairing 2esign. The factors presented are an increase in inlet length
and a reduction in inlet diameter as required for simultaneous critical flow
over the complete nacelle system., This set of characteristics were obtained
by simply recalculating the design criteria as presented for axisymmetic
inlet systems, (Figure 16 and 17) at a 40 percent reduced mass flow ratio.
Comparison of required inlet length and inlet leading edge diameter then

resulted in the characteristics as presented.

A comparison of a typical cruise fan nacelle system in the origiral
test and the proposed modified configurations is shown in Figure 19. It is
apparent from the sketch that the redesign produces an inlet that ihas both
a swept back effect and a general thickening of the inlet lip in the vicinity
of the fairing. The sweep back angle would be about 10 degrees for an inlet
system designed for a critical Mach number of about 0.8.

An interesting verification of this redesign criteria was obtained
while testing one of the models under conditions of variable angle of attack.
Tests on inlet 1, showed that general decreases in local pressure coefficient
and consequently local Mach numbers occurred in the fairing region under
conditions of negative angle of attack. Negative angle of attack exists
when the engzine inlet moves down in front of the fan inlet. A negative
angle of attack of about 6 degrees was required to produce pressure distri-
butions equivalent to design Mach number in the fairing region. This level

of 6 degrees compares quite favorably with the 10 degrees discussed a':: ve.

NACYI1E EXTERNAL DRAG

A region of lift/cruise fan performance lacking either experimental
and analytical data is total nacelle external drag. This test program pro-
vided a source of this type of experimental test data. Utilizing total model
forces, as measured by the balance system, and fan system net thrust, based
on measured flow conditions, the nacelle external drag was evaluated. Only

one questionable parameter is required in determining the nacelle drag and
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this is the exhaust nozzle thrust coefficient. For evaluation of the test
data, the nozzle thrust coefficient was estimated using the following two

o

o

 assumptions:

The nozzle velocity coefficient, because of flow angularity, will
be 0.99.

All other nozzle losses will be due to surface skin friction that
was calculated based on measured surface velocities and an average
skin friction coefficient.

These two assumptions resulted in nozzle thrust coefficients between

0.95 and 0.97. The low levels of thrust coefficient are due to the scrubbing

drag on the large areas of the nozzle plug svstem. It should be noted that
the large plug geometries are not typical of the 1.3 to 1.5 pressure ratio

fan system but are required because the X-376 is only a 1.1 pressure ratio

and was used in a typical higher pressure ratio nacelle system,

Making use of these estimated thrust coefficients and the measured

balance forces, the nacelle total low-speed drag as measured is shown in

Figure 20. This nacelle drag coefficient included the following:

(o)

(o)

(o)

Fan inlet external friction drag
Afterbody friction drag
Complete nacelle form drag including the fairing region

Core engine inlet fricticn and form drag.
Not included in the drag coefficient are:

Inlet internal losses

Exhaust nozzle losses including plug friction drag.

Measured system drag coefficients varied between 0,09 and 0.04 depend-

ing on mass flow ratio and inlet geometry. Estimated engine nacelle friction

drag coefficient was estimated to be 0.016 and is shown on the figure. Since

engine nacelle form drag is probably a small fraction of the total drag as

shown, the drag numbers as measured and reduced by 0.016, represent a typical

total nacelle drag coefficient level. The top band of the data represents the

longer nacelle systems and the lower region, the shorter configurations.

12
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The drag coefficients as previously discussed represent the low-
speed values only in the range of free-stream Mach numbers between 0.2 and
0.4. A premature drag rise was also indicated by the balance measurements,
similar in nature to the premature critical flow problems in the fairing
region. Using faired data for the eight test models, it was observed that
the drag rise with increasing Mach number was a function of the nacelle inlet
configuration only. The ratio of drag to low speed drag for the three inlets
is shown in Figure 21 as a function of free-stream Mach number, Note that
drag rise occurred at Mach numbers of 0.4, 0.5 and 0.6 for inlets 3, 2 and
1, respectively. Design Mach numbers for the inlet were 0.55, 0.7 and 0.8.
Although the exact cause of the {rag rise is not readily apparent, it is
probable that the problems of the fairing design and associated interactions
are the cause of these trends. This is a region of performance that will

remain unanswered until a test program of the redesign system is accom-
polished.

CONCLUSIONS

Analysis of high speed tests of a family of typical lift/cruise fan

propulsion systems indicated the following:

1. The lift/cruise fan system is not adversely affected by simulated high

speed operation.

2. Nacelle low speed drag coefficients, not including core engine nacelle
drag ranged between about 0,035 at high mass flow ratios and 0.065 at

near design mass flow ratios.

3. The models as tested exhibited high spillage and consequently low
critical Mach numbers in the region of the core engine to fan nacelle

fairing. A proposed redesign of the fairing was established using the
test data.
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=

=
LT D = 50 Inches
! max
R,

ol ] ==

y A R 7A Pr/y Par,
Model des max max max max Aj (sq in)
1 0.8 1.87 3.52 0.65 0.87 430
2 0.8 1.43 3.08 0.65 0.87 430
3 0.7 1.43 2.81 0.73 0.87 770
4 0.55 1.13 2.78 0.82 0.87 430
5 0.55 1.13 2.38 0.82 0.77 570
6 0.8 1.87 3.24 0.65 0.77 430
7 0.8 2.06 3.31 0.65 0.77 570
8 0.8 2.06 3.43 0.65 0.77 430

Figure 4. Geometric Data for Test Models.

maae- 2l

18

ye



ned w

a. Front View of Model 3

b. Rear View of Model 3

Figure 5. Model Mounted in Test Section.
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Typical Fan Operating Characteristics.
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Figure 7. X-376 Lift/Cruise Tan Performance.
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D
| | max
DI D Inlet 1
TH
Ly
Inlet 2
D D
Inlet max max max
1 0.98 0.65 0.57 Inlet 3
2 0.54 0.73 0.64
3 0.36 0.82 0.72
Figure 8. Comparison of the Three Inlet Designs.
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0

Figure 9. 1Inlet Total Pressure Losses.
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Figure 10. 1Inlet Loss Factor.
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Figure 11. Typical Inlet Internal Pressure Distributions.
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Figure 12. Inlet Peak Velocities.
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Figure 13. Typical Nacelle External Pressure
Distribution.
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Figure 14. Effects of Mach Number on Inlet External
Pressure Coefficient.
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Figure 16. Inlet Design Characteristics, Critical Mach Number.
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Figure 17, Inlet Design Characteristics, Minimum Mass Flow
Ratio.
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Fairing Design Modificat{on Factors

1.4

emms emms Inlet length

esnsssss=s Inlet Diametery

1'3

1.2 Inlet Diameter, D T—0.85
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Inlet Diameter, B 0.85 0.
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() .8que
N 1 ) | I
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Figure 18. Design Factors for Lngine-Inlet Fairings.
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THRUST DEFLECTION NOZZLES FOR VTOL AIRCRAFT
by
VINCENT J. DISABATO
Pratt and Whitney Aircraft
East Hartford, Connecticut, United States

INTRODUCTION

Airplane studies reported in the literature have indicated that an aircraft
using both lift cruise engines and lift engines provides a good propulsion system for
a VTOL aircraft. The lift cruise engines are sized for horizontal flight. For VTOL
thrust from the lift cruise engine is deflected downward, and the resulting thrust is
supplemented by separate lift engines to provide the necessary total thrust. This
paper discusses various means of deflecting the thrust from lift cruise engines in an
efficient manner. The thrust deflector should have a vertical thrust to deflector
weight higher than the thrust to weight ratio of the lift engines.

The thrust deflection device should:

1. Be lighter than a corresponding lift engine.

2. Deflect the thrust as efficiently as possible.

3. Provide horizontal performance equal to or nearly equal to an undeflected

nozzle.

Data from nozzle model tests and thrust deflection devices conducted in the

early 1960's is presented. This data illustrates the performance trends that can be

expected from various thrust deflection devices and engine nozzles.

GENERAL THRUST DEFLECTOR NOZZLE DESIGN
The wide range of flight capability required of future VTOL aircraft demands
nozzles that will be extremely versatile to meet critical design points efficiently and

still maintain a'deflection capability. Technology in the area of nozzles for horizontal
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subsonic and supersonic flight has been developing steadily with the aid of scale model
and flight testing. Thrust deflection, however, is relatively new and adds more com-~
plexity.

The function of the thrust deflection system is to turn the engine airflow from
an axial direction to a vectored or verticai direction and thus provide lift. The
vertical thrust produced by the deflector depends upon the static pressures acting on
the walls of the nozzle and the wall static pressure must be higher than the static
pressure surrounding the nozzle to produce a desirable thrust force.

Figure 1 shows the regions of pressure change on the inside and outside wall,
(from Ref. 3, Figure 73). The static pressure distributions in a curved channel, up-~
stream of a nozzle, differs from that of a straight duct due to the centrifugal force
associated with the turning. This radial force produces an increase in pressure on the
outside wall. On the inside wall, the rressure decreases around the bend and then
increases to the exit.

The regions of adverse pressure gradients cau cause the flow to detach or
separate with a loss in total energy. The flow separation is most severe on the
inner wall where the highest adverse pressure gradient occurs. This is shown
graphicaliy in Figure 2, (from Ref. 1, Figure 11). The velocity distribution is skown,
at the exit of the bera, as a function of the distance from the inner wali for inlet
Mach numbers of 0.32 and 0.65. It can be seen from the figure that the flow is
separated, and no flow is encountered for 7 to 12 percent of the duct.

The totai pressure loss distribution for an inlet Mach number of 0.2 is shown
in Figure 3, (from Ref. 2, Figure 4). The inner wall shows the largest contribution
to total pressure loss; this is true for the inlet Mach numbers of interest from 0. 10

to 0. 60.
dmv?
r
the parameter r/d is important, where "r" is the radius of the centerline of the

Since the centrifugal force is a function of the turning radius, F =

constant area duct and "'d" is the diameter. The turning radius ratio, pressure

loss variation is shown in Figure 4, (from Ref. 1, Figure 10), for a few inlet Mach
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numbers The totai pressure loss through the constant area duct is now defined.

It can be assumed that the addition of a nozzle to the duct will not appreciably
change the pressure loss through the duct for an engine operating pressure ratio
(P¢/P,) of approximately two. The total pressure loss through the duct results in a
loss in gross thrust coefficient. The total pressure loss is converted to gross thrust

coefficient loss by the following equation.

=1/2
1=y
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The gross thrust coefficient loss is shown in Figure 5 as a function of the
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duct turning radius for a few inlet Mach numbers.
For a constant area duct turn, the following compromises are evident from
a study of Figure 5:
1. Low inlet Mach number is necessary for a high gross thrust coefficient.
2. A turning radius of approximately 2.5 duct diameters is optimum for

high gross thrust coefficient.

GENERAL THRUST DEFLECTOR REQUIREMENTS

The cycle used in the lift-cruise engine has a strong influence on the design
of the thrust deflector. The number of deflectors for each engine can vary from one
or two for a simple jet engine to as many as four for a fan engine (two for the fan
and two for the primary stream). The burner length requirements for the augmenting

system can affect the location of the deflectors. Augmentation may also cause rejection

of otherwise attractive deflection schemes because of:
1. Excessive cooling requirements.
2. “Jariable area nozzle requirements.

The engine installation in the aircraft affects the design of the deflector

system in the following ways:




VIOL mode

The basic atability of the aircraft during take-off and landing requires that
the sum of the moments produced by the thrust of the engines around the aircraft
c.g. be in static balance. Using lift engines in addition to the deflected lift cruise
engine allows greater freedom in the choice of engine and/or engine deflection
locations, i.e. the engines need not be concentrated at the aircraft c.g.

Transition mode

The deflection device must be continuously contrcllable during transition to
provide an axial component to accelerate the aircraft while maintaining enough lift.
No unwanted roll components should exist. The deflector should respond quickly and
accurately during transition.

Forward flight mode

The nozzle must have high performance in the horizontal mode where all of

the usual nozzle thrust and drag problems with external flow will be present.

DISCUSSION OF DEFLECTOR TYPES
Deflection devices which have been studied in the past few yearrs include:
1. Swivel nozzle
2. Ventral nozzle
3. Ventral nozzle with rotating cascade
4

Aft-hood deflector

Swivel Nozzle

The swivel nozzle uses the same duct for the horizontal and vertical flight
modes. The nczzle is rotated on a bearing to change the thrust vector from horizontal
to vertical and is shown in Figure 6. The gas path for the horizontal mode requires a
degree of flow turning. T} i< inherently causes a slight performance loss in the
horizontal mode. As the nozzle is rotated for transition, the flow turning is increased
by a small amount and, therefore, the transition performancz ard the vertical per-

formance can be good. During transition, however, the swivel nozzle develops a
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side force as it rotates around the bearing. This side force must be counterbalanced
if only one lift cruise engine is planned for the aircraft, usually requiring the use of
two swivel nozzles.

The swivel nozzle is simple and can have a simple and reliable actuation
system. The thrust to weight of this type of system is in the range of 35 to 50
according to our studies. The swivel nozzle, however, is not fiexible enough to be
used or modified effectively for efficient supersonic horizontal flight. The swivel
nozzle causes an increase in cross sectional area of the aircraft. Minimizing this
increase of frontal area results in a rauch increased weight of the swivel nozzle,

hence a poorer thrust to weight ratio.

Ventral Nozzle

The ventral nozzle is located in the afterburner section of the engine. A
flow blocker, possibly a clamshell, is used to make the transition from the horizontal
to vertical mode. The ventral nozzle device shown in Figure 7 has a clamshell to
close off part of the horizontal flow and open up part of the ventral nozzle so a constant
total amount of flow comes from the engine at any clamshell position. The clamshell
is closed until all of the flow is coming out the ventral nozzle to obtain vertical
thrust.

During horizontal flight, the gas path is unhampered by the deflection device.
This allows the maximum augmentation for horizontal operation and any type of super-
sonic nozzle can be used with the ventral nozzle deflector.

The thrust to weight of the ventral nozzle would be in the range of 18 to 25.
This is somewhat heavier than the swivel nozzle, but produces no increase in aireraft

frontal area due to the deflector.

Ventral Nozzle with Rotating Cascade
The ventral nozzle with cascades is very similar to that without cascades.
The flow blocker, however, in the nozzle with cascades completely blocks the horizontal

flow at the same time uncovering the ventral opening. The transition from the

M




horizontal to vertical mode is then made by the rotation of the cascade. This scheme
is shown in Figure 8.

The thrust to weight of this deflector system would also be in the range of

18 to 25.

Aft-Hood Deflector

The aft-hood deflector deflects the flow by a curved blocker located in a
supersonic nozzle downstream of the afterburner. Augmentation is available for
deflected thrust operaticn. The aft-hood deflector is shown in Figure 9.

The transition from the horizontal to vertical mode is made by opening doors
in the bottom of the ejector shroud and rotating the hood to the desired position for
the vertical mode. The primary or afterburner nozzle is then opened to the max-
afterburning position, thus transferring the minimum jet area or control area to the
deflector exit. This is done £o that the flow can be turned at a low Mach number
reducing the turning losses through the system.

The transition from the vertical to horizontal mode is made by rotating the
hood to the stowed position. When a thrust vector of approximately 45 degrees is
obtained. the control area is switched back to the primary nozzle by closing down the
primary nczzle. The hood is quickly rotated into the stowed position, and the ejector
shroud is closed.

The gus path is unhampered by the deflection system and max-augmentation
is possible when the hood is stowed. This system has very good thrust vectoring
capability and supersonic performance.

The thrust to weight of this system is in the range of 29 to 30, or somewhere

between the ventral nozzle and the swivel nozzle.

EXPERIMENTAL TEST FACILITY
Thrust deflector nozzle performance data presented in this paper was obtained
from scale model tests in the United Aircraft Research Laboratory static cold flow

facility. The facility was originally designed to conduct static tests on airbreathing
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engine exhaust models. It has been adapted for thrust deflector testing by the addition
of a rotating plenum. The balance and rotating plenum are shown in Figure 16.

The rotating plenum is used to rotate the force vector produced by the thrust
deflector to a horizontal position. The angle of the rotating plenum or the angle cf
the thrust vector is recorded while the force magnitude is measured by the balance.
Forces are measured with a thoroughly developed null type balance. A hollow tube,
supported by a pair of flexures to the balance housing, is constrained to move only
in the thrust or drag direction. Balance displacements are indicated by a Schaevitz
coil. Nulling is achieved by adjustment of the balance base pressure. Once the
balance is nulled, the pressures are recorded; these measurements are transformed
into nozzle thrust coefficients. Airflow measurements are made in accordance with

standard ASME techniques using a bellmouth fiow meter.
TYPICAL DEFLECTED JET PERFORMANCE

Swivel Nozzle

A swivel nozzle scaie model of a nonaugmented engine system is shown in
Figure 11. The Mach number at the inlet to the model is 0.35 and the model is
approximately one tenth full size. The performance of this nozzle at various nozzle
pressure ratios and rotation angles is shown in Figure 12. The horizontal performance
is 2 to 3 percent lower than a convergent nozzle would obtain due to a bend in the duct
upstream of the swivel bearing. The performance falls smoothly during transition
by another 2 to 3 percent as the nozzle is rotated due to worsening of the internal
geometry.

The flow coefficient is nearly constant during the transition. The thrust angle
lags the nozzle geometric angle for 60 and 90 degrees, but tﬁis can be compensated for

by overturning the nozzle to obtain the desired thrust angle.

Ventral Nozzle

A ventral nozzle is shown in Figure 13. The model simulates a possible full

scale installation having a ventral nozzle located downstream of the turbine exit plane
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in the afterburner. Afterburning while in the deflected mode with the ventral nozzle
in this position would be difficult; therefore, the model jet area simulated a nonafter-
burning full scale engine condition for the vertical mode. The inlet Mach number to
the ventral nozzle tested was 0. 20.

The performance of the ventral nozzle is shown in Figure 14. The thrust
coefficient is 4 to 6 percent lower than a convergent nozzle. The results were obtained
for a simple design and it is possible to improve the performance with a more refined
design.

The flow coefficient at a pressure ratio of 2.0 is about 10 percent below a
conventional convergent nozzle. The hole can be sized on this basis tc pass the e.gine
flow, or the design can be modified to improve the flow coefficient. The transition
from the horizontal mode of this deflection system is made by closing down the
horizontal nozzle and opening the ventral nozzle. This type of transition is shown in
Figure 15. The transition performance is compromised with this type of operation

because the flow is divided between the horizontal and ventral nozzle.

Ventral Nozzle with Rotating Cascade

A ventral rotating cascade nozzle model is shown in Figure 16. This device
is similar to the ventral nozzle previously described. Performance for the transition
from the horizontal to vertical mode is shown for the case of blocking completely the
horizontal passage and opening the ventral opening while the cascade is rotated for
thrust vectoring the model simulated nonafterburning engine operation. The inlet
Mach number to the ventral nozzle was 0.20. This model is identical to the ventral
nozzle shown above except for the rotating cascade.

The performance of the ventral nozzle with cascade is shown in Figure 17 for
90 degrees thrust deflection. The addition of the cascade to the ventral nozzle decreased
the thrust by another 4 percent for a total loss of almost 10 percen: from a convergent
nozzle. Further work on the design of the rotating cascade and the approach to the

cascade could improve the performance; however, we have found that cascades do have
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an inherent loss associated with their design.

The transition performance is shown in Figure 18. The performance
decreases rapidly as the cascade is rotated due to the vector angle of the flow from
the cascade which is not measured. This side force would be canceled with a two
engine installation. Two nozzles would be necessary to cancel the side force in a
single engine installation. It is obvious that this deflector is not desirable below

75 degrees or 80 degrees deflection.

Aft-Hood Deflector

An aft-hood deflector model is shown in Figure 19. Since this deflection
device is capable of partial augmentation, a partial augmentation engine condition
was simulated by the model. The inlet Mach number to the nozzle was 0.315. The
purformance is shown in Figure 20. The thrust coefficient of this system is good,
within 2 or 3 percent of a convergent nozzle at full deflection. The flow coefficient
is lower than what is expected from a convergent nozzle; however, the effective
area, AjQ, is sufficient for the engine conditison. If an unaugmented engine condition
were simulated the turning losses would furthe:r decrease. The transition performance
is shown in Figure 21 for a pressure ratio of two. It can be seen from the figure that
the aft-hood transition performance is also good, losing only 2 to 3 percent additional

thrust at the worst condition.

GROUND EFFECTS

The use of deflected jet exhaust for vertical thrust raises the problem of
ground proximity effects on the engine exhaust nozzle performance. The deflected
nozzle, when in the vertical mode, would be close to the ground causing large
changes in nozzle performance. A series of tests have been performed to determine
the effect of ground proximity on nozzle performance.

The performance characteristics presented are for an uninstalled circular
convergent nozzle. There are no surfaces except the nozzle itself and the ground

upon which the flow acts. The performance is shown in Figure 22. It is seen that the
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nozzle performance decreases rapidly with decreasing distance to the ground. This
means that serious engine flow suppression as well as a loss in thrust will occur if

the nozzle exit is positioned too close to the ground.

TRANSITION TIME

A simple study was made to illustrate that the transition time from hoveving
to axial flight of a given VTOL aircraft can be affected by deflector characteristics.
Two lift cruise engine deflection systems are compared, the ventral nozzle and the
ventral nozzle with rotating cascades. These two systems were used because they
would require no changes in the lift drag relationships of the aircraft.

A typical lift cruise airplane having 60, 000 pounds gross weight was assumed
for this analysis, powared by two lift cruise engines ans ‘our lift engines. The lift
cruise engines have a take-off thrust of 24, 000 pounds each and the lift engine 6, 000
pounds each. The total available vertical thrust is 72, 000 pounds.

The transition time is shown in Figure 23, The results show that the greater
horizontal thrust of the cascade initially increases the velocity of the airplane at a
faster rate than the ventral nozzle without the cascade. After about ten seconds, the
opening of the axial nozzle results in a faster rate of acceleration for the veatral
nozzle without the cascade. The ventral nozzle with the rotating cascade completes
the transition more slowly than the ventral nozzle without the cascade but is at &
higher altitude.

This comparison reaches no conclusions other than the fact that the choice
of deflector has a significant effect on transition time. Obviously, a short transition
time is desirable, but the time must be evaluated against the flight path (altitude vs

distance) and stability.

CONCLUSIONS
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