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FOREWORD

With the renewed interest iu new aircraft in the NATO countries it
was extremely timely that the Fluid Dynamics Panel sponsored a

specialists’ meeting on the “Aerodynamics of Power Plant Installation”.

The scope of the work presented in the papers indicates a need for
further cooperation between the theoretical and experimental workers in
the NATO technical community.

The meeting also reinforced the need for continuing contact between
university, government, and industry workers thru the forum of the
AGARD specialists’ meetings.

Bernard W.Marschner
Professor, Colorado State University
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SUMMARY

This AGARDograph contains a collection of the papers presented at the
AGARD Specialists’ Meeting on “Aerodynamics of Power Plant ‘Installation”,
held at Arnold Engineering Development Center, Arnold Air Force Sta! 1,
Tennessee, U.S.A., 25-27 October 1965, under sponsorship of the AGARD
Fluid Dynamics Panel.

.. 'The purpose of the Specialists’ Meeting was to review and discuss

recent developments in the aerodynamics of power plant installation, to
point cut problem areas, and to provide guidance for future research and
development in this field.

The collection of papers emphasizes the areas: general development
trends, air inlets and nozzles, interference between propulsion system
and airframe, VIOL propulsion and propulsion installations. Contributions
have come from eight NATO conatries.

SOMMAIRE

Cette AGARDographie réunii les exposés présentes & le Réunion des
Spécialistes de 1' AGARD organisée & 1’ Arnold Engineering Development
Center, Arnold Air Force Station, Tennessee, Etats-Unis, du 25 au 27
Octobre 1965, sous 1’ 4gide du Groupe de Travail de la Dynamique des
Fluides, rur le théme: “‘Aspects Adrodynamiques de 1’ Installation des
Systémes Propulsifs”. ’

Cette réunion avait pour but de passer en revue et de discuter les
progrés récents touchant 1' aérodynamique de 1' installation des systémes
propulsifs, de mettre e¢n relief les différents domsines nécessitaant un
supplément de recherche, et d’ orienter les recherches et développements
futurs.

Les exposés rassemblés ici traltent en particulier des domaines
suivants: tendances générales des développements, entrées d’'ajr et
tuyéres, interfdrence entre systémes propulsifs et cellules, propulsion
des appareils VIOL et installation des systémes propulsifs. Ces exposds
représentent les contributions de huit pays de 1’ OTAN.

533.695.9:629.13.03

iv

+
PRPRIIS RO




R S

L A 4

o

L b

e

' CONTENTS

FOREWORD

SUMMARY

SOMMAIRE

1.

Introductory Paper: Engine Designer's Point of View
by L.G.Dawson

PART I

General Development Trends

A Discussion of Selected Aerodynamic Problemns on Integration

of Propulsion Systems with Airframe on Transport Aircraft
by Walter C.Swan

The Feasibility of Supersonic Combustion Ramjets for Low
Hypersonic Speeds
by R.Hawkins

The Blunt Trailing Edge Axial-Flow Supersonic Compressor
by F.Breugelmans

Measurements of Relaxation Effects in Nozzle Flow of Hot
Combustion Gases by Means of a Shock Tube Technique
by Th.Just

Aircraft Performance Problems Associated with Engine and
Intake Installation
by John Weir

Low-Prag Installation of Twin Propulsion Nozzles in the
Rear of the Fuselage for Transonic and Supersonic Flight
by Helmut Langfelder

Method of Net Thrust Measurement in Supersonic Flight
by Theron W.Davidson

Past Flight Experience and Recent Developments in
Combinations of Ramjet and Turbojet Engines
by A.Gozlan

Page

iti

iv

iv

23

69

117 \

153

173

1935

217

245




o

WY

dovedntiiide

10.

11.

12.

13.

14.

15.

16.

17.

18.

Alr Inlets and Nozzles

Additive Drag on Inlet Cowls and its Effect on Aircraft
Performance
by Joseph S.Mount

Intake Design and Performance Around a Mach Number of 2.2
by M.C.Neale

Fonctionnement du Piége & Couche Limite Interne d’ Une Prise
d’ Air & Compression Supersonique Externe

by Jacky Leynaert

A General Method for Calculating Low Speed Flow about Inlets
by John L.Hess and A.M.0.Smith

PART 11

Air Inlets and Nozzles (Continued)

An Investigation of Splitter Plates for Supersonic Twin
Inlets
by John B.Peterson, Jr.

Boundary -Layer Interaction Effects in Intakes with Particular
Reference to Tiiose Designed for Dual Subsonic and Supersonic
Performance

by J.Seddon

Possibilités Actuelles d’' Etude Théorigue d'Une Tuyére
Supersonique & Double-Flux
by Jean-Marie Hardy

Methods of Measuring Aerodyramic Efficiency and Thrust

Yectors of Engine Exhaust Systems
by N.Scholz

Interference Between Propulsion System and Airframe

Propulsion System Yantegration in Wings
by J.Lockwond Taylor

vi

Page

271

301

325

345

373

411

445

479

503

o

v



A8

19..

20.

21.

22.

23.

24,

23.

26.

Specific Propulsion Installatiens

A Fully Integrated Propulsion System fer a Supersonic
Transport Alrcraft
by J.E.Talbot and B.Furness

VTOL Prepulsien

Jet VTOL Power Plant Experience During Flight Test of
X-}4A VTOL Research Vehiclie
by L.Stewart Rolls

Jet Lift Intakes
by W.F.Wiles

Techniques for the Simulation of Jet-Lift Engines in
Wind-Tunnel Meodels of V/STOL Aircraft
by Dr.Ing.Ugo Sacerdote

Aerodynamic Interference Effects with Jet Lift Schemes
ou V/STOL Aircraft at Forward Speeds
by John Williams and Maurice N. Woeod

Lift-Fan V/STOL Propulsion and Airfr~me Integration
by Herbert E.Dickard

NASA Research on the Aerodynamics of Jet VTOL Engine
Installations

by Richard E.Kuhn and Marion 0.McKinney, Jr.

Experimental Studies of VTwL Fan-in-%Wing Inlets
by U.W.Schaub

vii

Page

313

339

359

587

619

653

689

715

1




—
e o e i

INTRODUCTORY PAPER

THE ENGINE DESIGNER'S POINT OF VIEW
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THE ENGINE DESIGNER’S POINT OF VIEW

L. G. Dawson

3

Mr. Chairman, Gentlemen

I would like to thank you for the honour of being asked to present the opening paper
for this Conference on the Aerodynamics of Powerplant Installation. I do not intend to
roam through all the subjects and all the possibilities that this title calls to mind.
I propose to review the way in which the engine is affected by the state of the air which
is delivered to it by the powerplant installation. By giving a relatively straight-
forward survey of the way the flow processes inside the engine are affected by the
condition of the air delivered to it, I hope I may persuade those responsible for
engine installations that there are certain fundamentals about engines which we can
only alter to a limited extent. As a result of this, I hope to make some small
contributicn towards persuading powerplant designers to give more attention to the way
they deliver eangine ir to the compressor face.

A difficult problem on all but the simplest of installations is that of flow
distortion in the engine air intake. The present approach is for the engine manu-
facturer to specify distortion limits and for the aircraft manufacturer to comply with
these as best he may. 3ometimes it is not possible to reach a satisfactory solution
for the intake and engine without complicating the engine, or lowering the working line
which causes penalties in fuel consumption.

To specify reliable limits for the distorted flow the engine compressor will accept,
involves und-~rstanding and measuring the susceptibility of engines to non-uniform flows
and generalising the test information in such a way as to make it applicable to new
engine designs.

I believe that the ultimate solution to the problem of distorted flow into engines
will stem from the detailed analysis of the compressor aerodynamics now possible with
powerful computers, combined with testing of the type discussed in this paper.

Let us consider an area of low total pressure entering the compressor and under-
stand what happens when the air enters the first compressor stage. One's first thought
is that there will be spproximately uniform static pressure over the face of the
compressor and hence in the region of low total head there will be a low axial velocity.
If this were tme, the section of blading behind the area of 'ow total pressure would
be doing more work on the air than the rest of the blading where it passes through the
area of normal flow. A low axial velocity causes the blade to do more work, that is
providing it is not so low that the blade has stalled. Suppose this local increase in
work exists, then the flow velocities would increase locally until the work done by the
compressor blading, as it passes through the region of low total pressure, was
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approximately the same as the work done over the rest of the compressor face. In'tuctv
we do not have the noiwal sysiem of flow with varying total head where the static
pressure tends to be constant. At the compressor face (Fig.1) we tend to have a
varying static pressure and a constant velocity. The ccmpressor blading is tending to
produce a constant pressure rise over the whole of the compressor face but, because
there is a region of low .otal pressure, it cannot produce a constant total pressure
behind it. This situation persists right through the compressor.

our eawnination of the problem of distorted flows ente ‘ing compressors has led us
to believe that the compressor tends to behave as if it were two compressors in
parallel. The low total pr-~ssure region is maintained through the compressor. We
were led to this observation by the fact that we found that compressors were greatly
upset by circumferential distortion of the inlet total pressure but hardly at all by
radial distortion of the inlet total pressure (Fig.2).

Let us now consider the problem in more detail. The circumferential variation in
inlet total pressure is illustrated in Figure 3 for a simple once-per-circuit step-
down in total pressure such as could be produced by a local flow separation in the air
intake. The portion of the compressor which deals with this low total pressure region
is regarded as a separately operating compressor in parallel with, and having similar
characteristics to, the main compressor. Both exhaust to the same static pressure at
outlet. The spoiled compressor works higher up the pressure ratio flow characteristic
than the unspoiled compressor. When this higher working point reaches the nominal
surge pressure ratio the spoiled compressor would be cxpected to surge. Provided that
the circumferential extent of the spoiled region is sufficient, this should in turn
produce a surge of the combined real compressor.

This leads to a simple relationship between inlet total pressure distortion and the
loss in surge pressure ratio.

If, as a first approximation, the exit total pressures of the two compressors are
assumed the same, then the relation becomes

ARy, _ AP

1
Rl2 Pl

that is percentage loss in surge pressure ratio is equal tu the percentage loss of
inlet total pressure ratio in the spoiled region relative to the mean value. The
iatter is termed the Pressure Distortion Ratio.

To compare this forecast with test results it is first necessary to convert the
generally complex inlet flow profile into an equivalent stepped profile. This invulves
determining an average total pressure loss in each region of deficiency in total
pressure below the overall mean. The largest of these, which leads to the greatest
loss of surge pressure, is obviously the significant one. On the other hand, if its
angular extent is small enough the overall compressor will not surge.

A more satisfactory method is to choose an appropriate angular extent & over
which to determine the average deficiency. Then the particular £ giving the greatest
average loss becomes the significant one. This leads wc a value for the effective
pressure distortion ratio, 53?/5: , to he used to predict the loss in surge pressure
ratio.
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Test results are shown in these terms for a number of high pressure compressors
in Figure 4. The predicted relation is given for comparison and the approxizate
relaticn based on uniform outlet total pressure is also shown. The agreement in trend
and actual value is good, to within 2% of overall pressure ratio in the majority of
cases, and if anything the simplified relation gives the better agreement.

A corresponding set of test results is given in Figure 5 for low pressure
compressors. In this case, although the agreement in trend is good, the best line
through the results indicates that there is some additional loss of surge pressure
ratio, averaging about 4% for the compressors tested. By examining in detail the
behaviour of the compressors producing the largest discrepancy it was deduced that
this effect was due mainly to the characteristics of the last stage.

In these cases, and to a varying extent on all low pressure compressors, the pressure
rise flow characteristic reaches a maximum with reducing flow before surge occurs, as
shown on the left of Figure 6. Whilst the surge condition U is achievable with
uniform inlet conditions, this situation is unstable. A very small disturbance will
prevent operation between the pcak of the curve P and the uniform flow surge point
U . The movement of last stage stall from U to P produces a corresponding loss of
surge pressure ratio in the overall compressor, as shown on the right of Figureis.
This is the additional loss of 4% of L.P. compressors shown on Figure 5. It can be
derived accurately for each compressor from its last stage characteristic.

The Pressure Distortion Ratio 55?/5: is most useful for analysing and compariag

results on different compressors. It is not, however, quite so convenient in the work
g! matching a given engine and intake as the Pressure Distortion Coefficient

Apf/ql , where q, is the compressor face dynamic head. For a given inlet flow
pattern this coefficient remains substantially constant with varying inlet mass flow.
In particular a flow distortion simulator, usually a parallel inlet duct containing
a system nf blockages, can be described satisfactorily by a single coefficient over
the full mass flow range.

Surge test results with such a simulator, producing a distortion pressure
coefficient of -0.27, are shown for a typical low pressure compressor in Figure 7.
The predicted surge line, including the last stage effect, is included for comparison
together with the uniform flow surge line. The agreement is very good over the
significant speed range and the calculated surge lire tends to be pessimistic at
lower speeds.

A relation between surge pressure ratio and inlet flow distortion now allows us to
express the latter as an eguivalent loss in performance, which in turn should suggest
a particular value of distortion for optimum matching. The outcome of such performance
assessments depends very much on the initial assumptions but, to appreciate the
possible magnitudes involved, we can take a few typical ones.

Firstly, if it is accepted that a certain minimum surge margin is required for
engine handling purposes, then any loss in surge pressure ratio must be compensated
by an equivalent loss in working pressure ratic. If the engine is rematched to
provide the same couponent efficiencies, general curves can be produced (Fig.8)
expressing for example, deterioration in cruise specific fuel consumption for flight
Mach numbers of 0.8, 2.2 and 3 and a fixed specific thrust at each Mach number. The
effect on specific fuel consumption of a given percentage loss in engine compression
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ratio diminishes with increasing Mach number, since internal compression becomes &
relatively smaller part of the overall compression. .

Typical distortion coefficients encountered in various types of aircraft are given
in Figure 9 against the corrected engine speed at which they occur. For clarity the
individual results are not shown but the limiting curves drasn are based on a very
large number of test results. As these are intake tests the distortion pressure
coefficient Aﬁf/q, is used, for the reason mentioned earlier, and the abscissa is the
percentage of maximum corrected engine speed.

For a subsonic civil aircraft with podded power plants the wcrst pressure distortion
coefficient wonld in general arise during take-off at rotation and during approach.

With a good inlet contraction ratio the coefficient should be effectively zero but,
owing to compromises with external power plant lines, the coefficient can be as high as
0.3. In such a case the derived loss in surge pressure ratio, 10% if applied to work-
ing pressure ratio, is worth about 2% increase in cruise specific fuel consumption.

In the case of a typical subsonic long range transport aircraft the direct operating
costs would then increase bv about 0.8%, using the ATA 1960 method of assessment. A
weight increase of 1600 1% per power plant produces the same increase in operating
costs. At this is abouc twenty times the weight of the average intake there is room
for refinement to reduce the flow distortion. Although aircraft manufacturers will
put a lot of effort into a weight reduction exercise which offers a potential saving
of 100 1b per power plant, they will in general sliow little enthusiasm for intake
modifications to reduce flow distortion, where the potential saving is far greater.

The situation on military aircraft is, usually, far worse. We have encountered
distortion pressure coefficients as high as 1.0, over three times as bad as the worst
civil aircraft intakes. Applying the previous general assumptions, this leads to
3.5% increase in specific fuel corsumption at a typical ferry condition, arourd 0.8
Mach number. Here again the possibility of reducing this penalty by reduced flow dis-
tortion is worth investigating.

For comparison, Figure 9 shows also the range of typical VIOL engine intake dis-
tortions. In these cases the performance/surge margin compromises are made
exceedingly difficult by the following considerations:

(a) The thrust/weight ratio for the installed engine (including intake) must be
maintained.

(b) The surge margin rust be more than a bare minimum for safety re. sons.

(c) The intake must turn the approach flow through about 90° during transition,
leading to a potentially high flow distortion.

In spite of these problems we have de 'ised and developed to a high standard several
VIOL intake configurations with distortion coetiicients in the civil engine intake
range. An outline of this work is given in Paper 21 of this AGARDograph 103. We
feel that similar efforts applied to propulsion engine intakes must be worthwhile.
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One interesting pcwer plant which we engineered for the EWR Sud VJ.101 C aircraft
illustrates the value of a little refinement in the air intake design. Figure 10
shows that, for low speed flight the whole of the supersonic inlet is moved forward to
leave a slot near the compressor entry. This device cost litgle in extra weight but
produced an acceptable iulet flow, lying in the VTOL band shown on Figure 9, even with
the power pilant at right angles to the flight path at 100 knots.

The duty of the wsual supersonic inlet is not as ar uous, but the flow distortion
produced under grourd running and low speed flight conditions is bad enough to be
worth improving by devices such as this translating inlet.

In discussing the question of the effect of distorted flow from the air intake on
the engine compressor, I am conscious of the fact I have presented a somewhat
simplified picture. To go beyond this would complicate the issue, and probably not
give you a useful grasp of how we feel about the subject.

I want to go on now to a field which is much more difficult, the problem of hot gas
goinz into the engine. This hot gas can come from reverse thrust on a commercial air-
craft or from rocket missile and gun firing on a military aircraft. It will make the
subject easier if we look at the surge line ard working line characteristics of an
engine in a slightly different way. The left-hand side of Figure 11 shows the normal

presentation of a compressor map with pressure ratio plotted against mass flow functions.

The engine working line and the compressor surge line are shown. When considering hot
gas ingestion, it is much easier to look at this map from a different point of view.
Every point on the right-hand map has a corresponding point on the left-hand map, but
in the right-hand map we have plotted it in terms of nondimensional fuel flow instead
of pressure ratio. The surge line is represented by the fuel flow required to move an
engine working point up to the compressor surge point. A suddern increase in fuel,
which we assume takes place so rapidly that the engine speed does not change, will
move the working point vertically until the engine surges. A sudden increase in
temperature, again sufficiently rapid that the engine speed does not change, would
move the working point down a line through the origin. This line will intersect the
surge line at some point. A detailed examination of the problem sl )ws that the surge
line is not a fixed line but tends to be a band. If a slug of hot gas goes through
the compressor, while it is passing through the hot portion of the compressor it is
mis-matched relative to the portion which contains the cold ges. This affects the
surge line.

Figure 12 shows an attempt to introduce step changes in fuel by a rapid throttle
opening and you will see that the condition where the engine surges is similar to that
calculated from the compressor rig measured surge line, but does to some extent
depend on whether the engine is hot or cold. Figure 13 shows a similar state of
affairs on an Avon engine. Both these cases are plotted on the traditional system of
pressure ratio against non-dimensional speed. Trenslating this diagram into a fuel-
flow diagram against non-dimensional speed (Fig.14) and plotting observed results, we
find that the engine will accept a higher fuel flow than that calculated for a steady-
state rig compressor surge line. The engine will accept a higher fuel flow under
conditions due to a decrease in combustion efficiency, which takes place during the
transient.
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Some years ago some extremely interesting tests were carried out by the NACA
injecting slugs of hot gas into an Avon engine. Figure 15 shows diagramatically the
set-up used. It was possible with the engine running steadily, taking in cold air, tc
suddenly inject a large slug of hot gas and to examine what happened. Figure 16
presents a somewhat simplified picture of the results. Supposing the fuel and r.p.m.
are approximately constant when the slug of hot gas first goes in, the working point
moves along the line indicated. If the tempcrature rise injected is high enough,
then the working point will enter the surge area and the engine will surge. A smaller
step change in temperature will take the working point round a loop, missing the surge
area. The engine will continue running but will finally adjust itself to a lower
speed. Clearly, whether the engine surges or not depends on the rapidity with which
the fuel flow reacts to the increase in temperature. On many occasions when we have
met this type of problem due to gun firing we have fitted a contrcl to the engine which
momentarily decreased the fuel flow to the engine while the gun was firing. In spite
of the hot gas entering the engine, the engine did not surge and blow out.

Up t{o now we have considered a slug of gas of uniform temper-ature. However, normally
it will only be a sector of hot gas which enters the engine (Flg.17). The situation
is very similar to the sector of low pressure air entering thz compressor, with one
modification. The portion of the compressor which is accepting the hot gas is still
behaving as a compressor in parallel with that part accepting the cold gas but, because
the entry temperature is higher, it is NNYT lower and it is working on different
characteristics. In real life the problem is complicated, since there will be a sector
of increased temperature going in, with losses due to a cross flow in the intake, and
all the processes discussed up to now will be acting simultaneously.

The message in all this is, of course, do not do it. In my experience we have
had installations in which the engine was fed under some fiight or take-off conditions
with rather poor flow out of the air intake. We have had installations in which, when
in full reverse after touch down on landing, the outboard engines were spraved with
hot gas from the inboard engines. We have had military installations in which when
the guns were fired a series of shocks, pressure losses, cross flow and hot gas went
into the engine. We finally had to solve the problem by a fuel dipping arrangement
30 that we decreased the fuel when the guns were firing. We do admit that the engine
anatomy should be such that it can swallow birds without medication. I leave it to
you to make the rest of its food digestible.
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SUMMARY

This paper inspects our current knowledge on integration of eugine
nacelles on transport aircraft with special emphasis being placed on the
aercdynamic forces which produce lift and drag. The subsonic case is
treated first, showing how current esircraft drag estimates are made, and
where the theory is weak. Then the supersonic case is explored with the
emphasis here being placed on pressure drag due to volume and lift.

Some hope for major gains are suggested. The paper suggests avenues
for analytical research and points out that much room for improvement
remains.

SOMMAIRE

L' auteur fait le point des connaissances actuelles sur 1' intégration
des fuseaux moteurs aux cellules des avions de transport, en mettant
1'accent sur les forces adrodynamiques qui créént la portance, et la
trafnée. Il traite tout d’abord du régine subsonique, en montrant
comment 1’ on évalue actuellement la resistance adrodynamique d'un
avion, et quels sont les points faibles de la thdorie. Il passe
ensuite au cas du régime supersonique, en étudiant tout particuliére-
ment la trafnde de pression due au volume et & la portance. Il suggélre
certaines possibilités d' améliorations appréciables, ainsi que certaines
orientations de la recherche analytique, et attire 1'attention sur les
domaines ou des progrés restent & faire.
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NOTATION

reference wing area

cowl cross sectional area at D,

wing chord

drag coefficient

isolated body drag coefficient
friction drag coefficient
wave drag coefficient
boattail drag coefficient
external drag coefficient
drag coefficient at zero lift
change in drag coefficient
lift coefficient

change in 1ift coefficient
local pressure coefficient
afterbody diameter

body diameter

nmaximum cowl diameter

drag

external fan cowl drag
afterbody boattail height

fan nozzle exit annnlus teight
body length; airplane 1lift
Mach number

freestream Mach number
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fan nozzle exit Mach number
freestream static pressure

Y M2/2

axial boattail radius of curvature
wingspan

reference wing area

4 (nozzle area-inlet area)

thrust

fan nozzle exit velocicy

maximum profile velocity

freestream velocity

airplane gross weight

streamwise coordinate

potential core length

spanwise coordinate

vertical coordinate

angle of attack

body incidence, degrees

M -1

amount of trailing edge reflex, percent of chord

specific heavs ratio
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A DISCUCSION OF SELECTED AERODYNAMIC PROLLEMS
ON INTEGRATION OF PROPULSION SYSTEMS WITH
AIRFRAME ON TRANSPORT AIRCRAFT

Walter C.Swan

1. INTRODUCTION

In the commercial transport business, a difference of 5% in airplane drag can mean
the loss of many millions of dollars in aircraft re-crders in any given year. This
knowledge accounts for the keenly competitive and very high quality long range
transports available today, such as the VC !0, DC-§, 990, and the 707, all of which
are outstanding airplanes in their own right. The airline buyer is used to being
offered outstanding airplanes, and hence he locks for the small differences i~ uesign
whicb yield only slightly better fuel economy in one aircraft over another.

The commercial transport is characterized by a propulsion system which is usually
encased in a nacelle, and is mounted on the wing or body structure by means of struts.
Engines are not usually placed inside wings or fuselages because of airline preference.
The reasons for this preference are that the podded engines provide for (i) easse of
maintainability, (ii) simplified fire protection system, (iii) long term retrofit of
aircraft with advanced engines, and (iv) safest wheels up landing situation when pods
are located under the wing. Because of these historical prejudices this paper will
restrict itself to the podded engine and its installation.

It is vital to the commercial aircraft designer that he have an accurate representa-
tion of the drag of a given configuration and that this be the best possible configura-
tion, before he commits to development status. To anyone familiar with the laborious
task of performing drag analysis, the most difficult and least understood component of
this drag representation is the nacelle contribution. Not only is the isolated nacelle
itself difficult to analyze and test, but the determination of the interference =ffect
between the basic wing body and the nacelle and strut present challenging assignments.

The current subsonic commercial transports employ engines which are sized for second
segment climb conditions, and whose thirust to aircraft gross weight (T/W) are in the
neighborhood of 0.25. The drag attributable to the engine cowling, struts, afterbodies,
and exhaust interference accounts for 5-10% of the total net thrust of the engines at
cruise. Figure 1 shows such a drag breakdown for a Boeing 707 model with current
turbojet and turbofans installed, based on model and flight test results. The wing
end engine are matched such that cruise occurs at altitudes close to that at which the
optimum 1ift/drag ratio occurs. Under these flight conditions the parasitic drag
(viscous, pressure, separation) and the induced drag (l.fting) are about equal. 0
Hence, the drag associated with the engines, being all parasitic, accounts for 10-20%
of the viscous and pressure drag of the whole airplane. Thus, the nacelle designer
has control over a fair segment of the subsonic performance of an airplane.
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The supersoric transport presents an even more fertile field of opportunity.
Current vehicle designs suggest instailed dry T/W values of from 0.30 - 0.35,
depending on the configuration, the engine size usualiy being based on community noise
considerations. Supersonic flight requires considerszbly more complicated inlets and
nozzles, leading to nacelle sizes which could easily account for 10-15% of the total
pet thrust. When one recognizes that the wing efficiency is not nearly as attractive
at supersonic speeds, and that the aircraft relies heavily on the improved engine
efficiencies to obtain good range, the importance of nacelle installation becomes
clear.

At cruise the supersonic transport does not operate close to optimum L/D altitude.
Attempts at cruising at higher altitudes result in oversizing the engine or cruising
with more augmentation, either of which adds a range penalty which offsets th~
advantage of going tc higher altituvde,

Becaus. of these matching considerations the distribution of drag is somewhat
different from the subsonic airplane. Figure 2 shows & typical distribution of drag
for the sirplanes. Of course the absolute level of drag is much higher for the
supersonic transport. From this figure it is apparent that even more control of the
aircraft success is in the hands of the nacelle designer for the superscnic case.

It is now intended to discuss the current state-of{-the-art in evaluating the nacelle
drag attendant with each of these vehicles, without violating proprietary interests,
and to point out current areas of uncertsincty, and where further analytical refinement
is required. Where the theory fails, gross experiment is the poor substitute, and
problems associated with testing are discussed.

2. THE SUBSONIC PROBLEM

2.1 1Isolated Nacelle

Figure 3 shows a typical isolated nacelle arrangement for a short duct, high bypass
ratio, fan installation and identifies the items for which drag estimates must be
made. This model is used in this discussion as it illustrates all the terms normally
considered in nacelle drag analysis. Longer fan ducts may be used for the lower bypass
arrangements. The drag of such an isolated nacelle is made up of viscous and pressure
terms only, as the nacelles do not contribute to the lift of the subsonic transport.
The drag buildup is now reviewed.

2.2,1 Fan Couwl Drag

Figure 4 shows the pressure distribution on a typical fan cowl. Depending on the
engine thrust setting, external compression causes a fair segment of the approach
stream to bypass the inlet. This bypass air, in flowing around the highly curved
inlet lip, causes a large negative pressure to develop on the lip. This low pressure
literally sucks the airplane through the sky. As the flow [rogresses back on the
cowl, recovery takes place towards free-stream conditions. Near the trailing edge of
the cowl a re-acceleration may occur due to curvature followed by diffusion to
conditions established by interaction with the nozzle efflux boundary. Drag associated
with this process is usually defined in the following manner:

-
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(a) Basic wetted area skin friction according to equivalent flat plate friction
coefficient, C_, , versus Reynolds number with considerations allowing for
roughness, and for wrapping the equivalent plate into a cylinder.

(b) Additional skin friction associated.with excess velocity caused by cowl
curvature and cowl angle of attack. This term varies with throttle position.

(c) A loss of 1lip suction caused by the failure of the cowl to recover the full
bypass momentum. This term is dependent on throttle pesition and gzometry of
the recovery lip, and is not important for goocd subsonic nacelle designs.

(d) Boattail pressure drag due to boundary layei thickening or separation. This
term is dependent on throttle position as it affects the exhaust efflux
boundary; throttle position also affects the state of the boundary layer
approaching the boattail.

Cnly the first term is easily calculated from theory. Although some of the
remaining terms may be calculated, they are normally developed by extensive cowl
testing, using wake rakes and surface static pressure analysis. '

2.1.2 Afterbody Scrubbing Drag

The use of short fan cowls in recent years has caused considerable comment on the
influence of fan exhaust flow on both the isolated drag of a nacelle and on the wing-
nacelle-strut interference drag. Figure 5 shows a simplified model of the flow over
a short duct fan nacelle afterbody. The 3oeing Company have evaluated pressure rake
measurements made in this flow field together with simple boundary layer theory to
calculate the skin friction drag on the afterbody. The calculated data are compared
by Lawrence® with careful experiments where an afterbody was mounted on its own axial
force balance. Consistent agreement was found in the region of interest to high bypass
ratio engines.

Fortunately, enginesccurrently under study and development have afterbodies which
are shorter than the measured jet core length at cruise power. Although no suitable
analysis exists for predicting pressure or velocity distributions in the core or the
core length itself with any precision, because the core is composed of a complex
region of shock waves and mixing flows the assumption of a constant velocity equal to
vJe; appears adequate. Flow fields downstream frcm the core are even less understood.
Figure 6 shows a typical shadowgraph picture of the jet flow in the core region as it
proceeds down the afterbody, when exposed to external air at M = 0.8 .

The afterbody scrubbing drag is normally considered as composed of two terms (i)
the drag which would have occurred if the afterbody had been exposed to only free-
stream conditions, and (ii) that drag associated with the fan streanm blowing on the
afterbody at a rate in excess of free stream. This second term, called the blowing
drag, can be a sizeable quantity. Figure 1 shows that for a 707 type aircraft it
represents nearly 50% of the total nacelle drag.
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2.1.3 Afterbodv Boattail Drag

The primary nozzle plug drag is usually assigned to the basic engine thrust
coefficient. The plug diameter and taper are-selected such that the combined wind-on
thrust minus drag at cruise pressure ratio, including the afterbody, are minimized.
Figure 7 shows typical experimental data on boattail drag coefficient, obtained from
drag balance measurements, as a function of the curvature of the boattail. This
figure shows that for R/D values less than 4 a sharp increase in drag occurs due to
separation. Hence, in selecting the plug diameter and taper, the boattail radius must
be considered. Usually plug half-angies of up to 15 degrees can be tolerated up to
M =0.90 with ¢nly skin friction drag being present.

2.2 Installed Drag

Having optimized the nacelle onfiguration on the isclated basis, the pod is then
mounted on t'~ wing to determine its most suitable location. The spanwise position
along the wing is usually defined by the elastic characteristics of the wing and the
influence of engine-out requirements on vertical tail size. Drag is not the primary
consideration, and at speeds below M = 0.90 no significant lift contribution to the
wing has been found to date from nacelle position.

Figure 8 shows typical experimental measurement of the change in airplane drag due
to axial and vertical location of a nacelle at a given wing span position. This drag
increment i1s caused mainly by changes in strut wetted area, and the supervelocity and
diffusion which occurs both on the wing and the nacelle as the flow passes hetween
these surfaces. It is noted that, up to M = 0.85 , a wide choice of locations is
acceptable. However, near this speed the flow becomes critical in the interference
region, leading to flow separation from the nacelle afterbody boattail. For cruise
speeds in the M = 0.90 region the nacelles want to be located far out in front of
the wing leading edge. This desire presents a serious structural design problem, which
may suggest another location for the engines or a more integrated design. Interference
drag is seen to be a major reason why our current subsonic transports do not cruise at
higher speeds.

The discussion thus far suggests that engine placement is currently an art,
determined only by extensive wind-tunnel testing. No known calculation technique'
exists to replace wind-tunnel testing as the best means of nacelle placement in a
highly compressible flow environment.

2.3 Theory Versus Test

2.3.1 General

‘4 long as subsonic aircraft cruise at speeds below about M = 0.85 the above
annroximations are probably acceptable. However, competition could lead to increases
in subsonic cruise speeds to the M = 0.90 -0.95 region through the use of transonic
area ruled passenger compartments and cambered and twisted swept wings. Under
contrclled design conditicns such a&s these, it becomes important to reconsider the
details of the flow around nacelles in order to insure that the interference drag does
not become excessive due to shock-induced separations on the nacelle afterbody.
Because of competition, the industry is maintaining a major effort on better under-
standing of the flow process around nacelles.
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Model experimental programs at best are not very accurate. It is most difficult
to simultaneously duplicate the inlet streamtube and the fan and primary jet efflux
as they appear in flight, without using several internal and external subterfuges
that rule out the determination of the absolute level of thrust minus drag from wind-
tunnel tests. One usually plugs up the inlet with a forebody'and pipes high pressure
air to the model from a support strut, to simula:e the exhaust interference for
nacelle placement tests. Flow nacelles which match inlet conditions are often used
for basic airplane drag tests. Internal drag estimates are subtracted from the total
balance force.

2.3.2 Viscous Drag

Only recently have we been able to evaluate inlet cowls with any precision from
theory. A recent large scale inlet test at Boeing (Fig.9) shows how the drag of a
high bypass engine fan cowl was kept lcw at Mach numbers approaching M = 0.90 by
careful control of surface conditions through a theoretical model approach. The test
points shown were obtained with a special wake rake designed to span the boundary
layer.

A cowl drag estimation procedure under development at Boeing consists of defining
the pressure field around the inlet cowl using an inviscid, incompressible solution
which is then corrected for compressibility. Using this pressure field to estimate
the boundary layer, iterative procedures are followed, to define a new pressure field
on the body which has the boundary layer displacement thickness superimposed.
Incompressible boundary layer development is used. The leading edge is assumed
laminar. The boundary layer is allowed to develop through a transition criterion to
turbulent flow. Separation is indicated when the local skin-friction coefficient,

Cp . appears to go to zero. A local value of Ce of zero means flow reversal is
taking place.

A complicated computer network was devised by Boeing using an incompressible
singularities distribution method similar to that suggested by Hough’. and by
Kiuchemann and Weber®. The amount of engine flow allowed to pass through the inlet is
defined by placing sources or sinks along the cowl axis. Because the setup and
calculation times required to use the singularities method may be excessive, Boeing
analysts are currently exploring the use of incompressible relaxation techniques, such
as suggested by Allens. and also finite difference techniques, such as affirmed by
Lee®.

The boundary layer calculations can be accomplished by many methods. Thus far, we
in industry have beer using incompressible methods such as Schlichting’, or Launder ®,
with a correction for Mach numbers. However, in approaching M = 0.90 -0.95 . new
theory will have to be devised to correct the boundary layer time history for the
theoretical determination of viscous drag to be surficiently accurate.

2.3.3 Pressure Drag

Most pressure drag estimates for subsonic nacelles have been determined froum wind
tunnel tests of isolated nacelle models wherein the viscous terms have been calculated
and subtracted from total drag measurement. Occasionally well instrumented pressure
models have been used for this purpose. Theoretical treatmc.it has only begun to be
seen in the literature.
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A body immersed in an inviscid incompressible flow field experiences no pressure
drag. In a real fluid, however, the boundary layer buildup causes the pressure
distribution to be different, a factor which can lead to measurable pressure drag.

If the boundary layer does not separate, the drag is very small. Attempts at carrying

out such an exercise on a long slender body have shown that the iterative solution is
difficult to converge.

The theoretical determination of the drag of separated bodies has been largely
neglected, mainly because everyone tries to design away from the problem. This author

, believes that analytical studies of the separated flow model should be undertaken;
for example, it may make considerable sense in the transonic cruise region to cut off

or scallop boattail regions so as to trade controlled base pressure drag for excessive
skin friction.

2.3.4 Compressibility Effects

Little has been done to apply compressible inviscid flow solutions to the nacelle
problem. Emmons® has suggested techniques for application of relaxation procedures
to this problem. Holtls, Chushkinll, Dorodnitsynlz, among others, have shown that
the method of integral relations may be useful. A third method, currently being
studied in Boeing, is the use of the streamline curvature method proposed by

valentine!?. It is too early to comment on the future of these compressible flow
calculation techniques.

2.4 Summary

It is concluded that an adequate theory exists for estimating the drag of subsonic
nacelle wing-body combinations. However, heavy reliance on model tests is still
necessary to support the theory. As competition focuses on the M = 0.90 - 0.95
region, entirely new information may have to be generated, and a detailed inspection
of our theoretical concepts will be required.

3. THE SUPERSONIC PROBLEM

3.1 General

Figure 10 shows typical nacelles, beginning with the high bypass dry subsonic
application to the afterburning turbojet required for Mach 3.0 flight. The important
point is not the engine cycle but the external shape that results from tight cowling
of these engines. As cruise Mach number increases, the nozzle area ratio required for
complete expansion increases at a more rapid rate than the inlet capture area require-
ments for no-spillage operation. At about Mach 2.5 the ideal nozzle exit area is
equal to the maximum area (over the turbine flange), resulting in a cylindrical
nacelle afterbody. Below this speed the nacelle has both forebody wave drag and
afterbody (boattail) wave drag. Above Mach 2,5 the ideal nozzle exit area becomes
the maximum nacelle area. For an isolated nacelle, wave drag can now be reduced by
limiting the nozzle exit area. Figure 11 shows the calculated pressure distribution
‘on two isolated nacelles designed for Mach 2.70. One nacelle used en underexpanded
nozzle to minimize wave drag in an effort to maximize thrust-minus-total-drag of the
nacelle. The second nacelle employed a fullyr-expanded nozzle. Pressure coefficients

Dy
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were integrated over the surface to calculate drag of the two nacelles. Nacelle
number 1 appears to be the proper choice based on this calculation - but is it? The
answer to this question requires further understanding of the interference of forces
between the nacelle and the wing.

The importance of engine placement on total drag of a complete airplane is
illustrated in Figure 12. For a given twisted and cambered wing-body combination and
a tapered nacelle, variations in drag coefficient, ACD = 0.0030 , were obtained at
C, - 0.10 siwply by nacelle placement. This magnitude could amount to more than 20%
of the total airplane drag. It is also evident that by proper placement nacelles can
be installed on the airplane without any drag penalty for a given wing-body design.
How is this possible?

it is the distinctive feature of supersonic flight that the zone of influence of a
body is contracted laterally into a narrow space around the body. This property is
the cause of significant interference forces between major components of the airplane.
Favorable Interference is the study of these forces. The objective is drag redvction
by the suitable arrangemernt of sirplane components. Eggers®®, Ferri‘s, and
Migortsky“, among others, have written much on this subject and a variety of con-
figurations based on favorable interference have been prepared. Although development
of practical airplanes from these rather theoretical configuretions has not been
obvious, physical ideas discussed in the literature have influenced airplane design.
For example, Alford and Driver!’ have discussed engine-airplane integration by these
rethods.

In this sectisn viscous considerations will be ignored, since they are readily
determined by the methods discussed earlier, and we will concentrate on physical
principles that have beer presented through theoretical analysis of favorable
interference on the supersonic transport. Some theory is directly applicable to
defining drag and 1ift effects, but cther uspects of nacelle integration are not
currently amenable to theoretical computation.

3.2 Volume Interactions

To consider the interaction forces between engine nacelles and the rest of the
airplane, it is useful to simplify our thinking by dividing these forces into
components according to origin. The tlow field around an airplane is ther the sum
of the flow fields due to individual components. Figure 13(a) shows how the flow
around ¢ wing and nacelle may be constructed by introducing an image, which ensures
that the flow field of the nacelle is reflected by the wing. The method of images,
used extensively to estimate wind-tunnel wall corrections, is indicated physically in
Figure 14.

Drag of a hody of revolution a distance Y from a wall can be estimated accurately,
except very close to Mach 1.0, by determining drag of the same body at a distance of
2ZY from an identical body. This is so because waves from the body are completely
reflected back on the body from a plane solid wall. The effect of the wall can thus
be replaced by that of a properly placed image. Both theory and experiment verify
this fact. This method of images is used extensively in identifying the mathematical
model of the supersonic drag problem.

i
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In Figure 13(b) we see those items which contribute to the volume or thickness

pressure drag of the nacelle-wing combination. These itemc are: |

(a) Isolated wing volume drag.

(b) The drag of the nacelle in the presence of its image. A cyiindrical nacelie
would have no such drag.

(¢) The force on the lower surface of the wing ceused by tne nacelle and its image.

(d) The force on the nacelle due to the presence of the wing. A cylindrical
nacelle would have no such drag.

In the example shown, forces caused by the nacelle and its image reduce wing drag.
The drag of the nacelle is reduced by the presence of the wing, but is increased by
the image.

These concepts provide a valuable guide to understanding the effects of nacelle
shape and location.

3.3 Interaction between Volume and Lift Elements

The effect of a wing’s lift must be added to the effect of a wing’s thickness.
For this purpose the wing is idealized into a thin sheet. Forces which contribute to
drag are illustrated in Figure 15. These items are:

(a Isolated wing drag due to lift.

(b) Nacelle pressure acting on the wing camber iine. An image nacelle is again
introduced to ensure complete reflection of the nacelle pressure field on the
mathematical model.

(¢) The wing lifting pressure acting upon the nacelle.

The nacelle itself is assumed to carry no lift, since it is closely aligned with
the local flow direction.

In the example shown, the interference items (b) and (c) contribute drag. However, |
both could be reduced, as shown in Figure 16, by reflexing the wing in the vicinity
of the pod. This modification will cause higher wing drag due to l1ift because higher
tncidence is required to achieve the same lift. Minimum drag stems from the correct
compromise Lietwcen these items.

3.4 Theoretical Considerations

In the simplest theoretical approach, the analysis of wing-nacelle integration is
usually limited to these forces only; total forces are calculated by adding to the
force of each isolated component additicnal forces due to neighboring elements, taking
care to introduce sich artificer as the image of a nacelle to maintain physical
plausibility. Chen and Clarke'"® discuss this in detail. Thus, as shown in Figure 17,
a crude attempt is made to theoretically define nonfricticnal drag elements of a .
supersonic transport by aaling the models prepared for volume effects to those obtained
from the lift-volume interaction.
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3.4.1 Solution of Volume Elements

The interference pressure drag of volume elements have usually been determined by
use of the Supersonic Area Rule Theory. This theory, which dates back to Sears!?® and
Lomax?® among others, involves solution of a triple integral expression which requires
taking the space coordinates of the aircraft configuration and transferring them into
artificial coordinate systems which yield a series of equivalent bodies of revolution
of the various parts of the airplane. The drag of these bodies is then transferred
back to the basic coordinate system. Witcomb and others at NASA noted that for a
simple slender shape, at Mach numbers near 1.0, the body of revolution can be obtained
by using the actual perpendicular cuts. This has led to the popular concept which
states that volume drag of a complex airplane can be minimized by maintaining the area
progression perpendicular to the line of flight as smooth as possible. This thought
process should not be overdcne, especially for high Mach number design. The rigorous
Area Rule theory must be applied in any serious design comparison. Most researchers
in the supersonic transport area have programmecd this calculation on the high speed
computer. The only input requirements are the three-dimensional coordinates of the
airplane and the application of images where needed to ensure that complete reflection
of waves from the wing ¢ ! neighhoring nacelles are felt on each nacelle. This later
statement also indicates one of the weaknesses of the calculation. A result can be
obtained only for the case of no reflection (no image) or complete reflection. Many
nacelle locations cause only partial reflection. Portnoy21 has suggested a possible
solution to this problem. Figure 18 shows a typical comparison of a non-lifting wing-
body with Area Rule theory, noting how reliable the theory is for the more elementary
systems.

3.4.2 Interaction of Lift and Volume Elements

Lighthi112?? and Ohman??® have presented methods for computing pressure distributions
on the surface of bodies of revolution and the manner in which this pressure propagates
out into the near field. Figure 19 shows a comparison of theory and experiment for
a body of revolution and a nonlifting delta wing. Through this theory it has been
possible to estimate the interference pressure field imposed on a wing due to the
pressure of a nacelle. At angle of attack it is assumed that a uniform flow field is
felt by the body, corresponding to the average flow under the wing.

This approximation is currently required because the theory has been developed fcr
use with uniform flow only. ’

The important problem of the cambered and twisted wing can be analyzed theoretically,
using lineari=<l supersonic lifting surface theoryz“. In practice, attempts at using
this theory have been only marginally reliable. Figure 20 shows results of a recent
Boeing wing-body test in which theory and experiment did not satisfactorily agree,
although the difference between configurations was quite closely estimated.

To complete the lift-vclume interference forces, it is necessary to estimate the
flow field at some distance from a lifting wing to obtain the effect on nacelles.
Currently, methods are being explored at Boeing to accomplish this, but for the moment
an assumption is being used that for small distances away from a wing the pressure at
the surface propagates along straight Mach lines. This is not a very satisfactory
assumption but, as can be seen from Figure 21, fair agreement with experimental
results has been obtained.

s i CalONIRG S il i
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3.5 The Importance of Testing

The mathematical model shown in Figure 17 clearly shows its own shortcomings. The
theory can account in part for the load distribution in a wing due to camber and twist
in the flow direction but it ignores the effect of wing deflection on the nacelle
flow field. Also the nacelle is treated as being axisymmetric and this need not be
the case. It may be desirable to yaw the nacelles and even to camber them to gain
the best interference efiects. Theory ignores this. The strut itself presents
problems. As the nacelle is placed closer to the wing, use of a boundary layer
diverter is suggested. The diverter can become a high drag item in itself.

Although complete wodel testing appears to be the only current solution to these
problems, the techniques of nacelle testing are far from optimum. ihe model must be
an accurate representation of the flow. Ducted nacelles must be used and then internal
drag accounted for. Generally two ways exist to accomplish this. One is tc design
the nacelle such that the inside is a straight uniform duct and only a skin friction
correction is needed. A second approach is to choke the internal flow at the exit
and obtain the axial force from momentum measurement. This latter technique is quite
complicated but must be used when inter.al geometry does not allcw the model to be
designed with uniform duct flow. 1In either case base area corrections must usually
be extracted. The leading edges of the nacelle inlet must be quite sharp since they
feel the highest Mach numbers. Blunt leading edges can lead to erroneous results.

3.6 Promising Results

Referring back to Figure 11, let us see what happens when we apply these two
nacelles to supersonic wing-body arrangement. Figure 22 shows that due to interference
the nacelle which had the highest wave drag in the isolated condition was actually
quite superior when installed. The interference 1lift provided by the high positive
pressures on the forward half of the nacelle was applied to the aft region of the wing
behind the maximum thickness station, where lower surface pressures predominate,
giving an increment in 1ift considerah’, in excevss of that produced by the under-
expanded nacelle. Actually both nacelles improved the drag of the wing-body alone.
Theoretical sums made on the artificial modzls gave a reasonable approximation or the
results obtained.

Figure 23 shows an oil flow picture of the shock pattern appearing on the underside
of the wing of a typical nacelle, wing and body arrangement. The sharp interaction
between the nacelles suggests that nacelles should be placed such that the irterference
fields intersect behind the point of maximum thickness of the wing and that certain
freedom should be employed to yaw and camber the pods as desired to maximize this
resulting thrust force. Figure 24 shows the theoretical distribution of pressure
produced by four nacelles on a supersonic tran. vort design. Figure 25 sk “is the effect
of placing the nacelles forward of the maximum thickness location compared to the
effect of locating them aft of the maximum thickness point.

The effect of putting reflex into the wing trailing edge in the vicinity of the
pods was examined, using the theoretical tools previousiy discussed. Figure 26 shows
that adding up to 22 r.flex caused a continuing decrease in pressure drag. More
reflex resulted ir. increased drag becesuse of the rapid rise in isolated wing drag due
to lift. The test data presented as Figure 27 show the drag reduction achieved by
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trailing-edge reflex and indicates reasonable agreement with theory. In addition to
this reducticu in drag, trailing-edge reflex produces a nose-up pitching moment.

This is benefi~ial since it reduces the downward tail load normally needed to trim the
airplane. The engine designer and airframe configurator are at odds in several areas.
This paper suggests that engines need not be concentric cylinders, but thet they

might have hends, kinks, and use overexpanded nozzles to optimize aircraft performance.

Figure 28 shows some results from the available theory, which.suggests a combinstion
of wing reflex and either oversizing of the engine or over-area of the nozzle could
lead to sizable drag reductions to the aircraft.

In conclusion, it must be stated that these thoughts have been generated without
paying any attention to consequences of nacelle weight, airplane balance, structural
design, or low-speed/high-lift considerations. Still, more theoretical work is
needed, especially in the three-dimensional flow area.

3.7 Summary

In the supersonic case pressure forces predominate and, by intelligent use of these
pressures, both lift and thrust can be obtained. At best current supersonic theory
provides a guide to design, and the use of the wind tuanel is still the only way *hat
subtle three-dimensional gains can currently be utilized.
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SUMMARY

The performance of a supersonic combustion ramjet is examined in
relation to that of a conventional subsonic ramjet. At low hypersonic
speeds the internal performance of the two cycles are comparable, but
at speeds above Mach 7, the supersonic combustiun cycle should offer
superior performance. Beyond Mach 9 the lack of reliable irtake data
makes the estimation of possible engine performance highly conjectural.

As an acceleration engine the supersonic combustion ramjet, flying at
relatively low altitudes, offers possibilities unattainable with a con-
ventional ramjet. For this application, there is a need to explore the
feasibility of supersonic combustion ramjets for high supersonic speeds.

Typical entry conditions for & supersonic combustor are deduced. A
detailed appraisal of available data on mixing and reaction rates is
made in order to assess the feasibility of supersonic combustion,
particularly at low hypersonic flight speeds.

An atiempt is made to outline the most important areas in which
further research on Supersonic Combustors is needed.

SOMMAIRE

Etude de la performance d'un statoréacteur a combustion supersonique
comparde & celle d'un statordacteur subsonique classique. Aux vitesses
faiblement hypersoniqucs la performance interne des deux cycles est com-
parable, alors qu'aux vitesses excédant Mach 7, le cycle de combustion
supersonique devrait permettre une performance plus €levée. Au-deld de
Mach 9 le manque de données sfires sur les entrées d'air rend une estima-
tion de 1a performance possible du réacteur trés incertaine.

Comme réacteur d' accélération, le statoréacteur & combustion super-
sonique, volant & des altitudes relativement basses, offre des possibilités
qQu' un statoréacteur classique ne peut présenter. Pour une telle applica-
tion, il est nécessaire d'dtudier la possibilité de réalisecion de
statordacteurs & combustion supersonique pour les vitesses supersoniques
élevées.

Les conditions type d'entrée pour un foyer supersonique sont déduites.
Il est fait une dvaluation détaillée des données existantes sur les
vitesses de mélange et de réaction afin de déterminer la possibilité de
réaliser la combustion supersonique, en particulier aux vitesses faible-
ment hypersoniques.

On tente de définir les domaines les plus importants dans lesquels il
est nécessaire de poursuivre les travaux sur les foyers supersoniques.
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combusticn. Stoichiometric hydregen-air

Range of static pressures and temperature to give specific
reaction times. Stoichiometric hydrogen-air

Variation of injector blockage with Me and MJ . Hydrogen
tuel

Injectcr cooling schemes

variation of wall temperature with coolant flow. Coolaat
{hydrogen) stagnation temperature 1000°K. Mach 7.0 flight
conditions
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NOTATION

flow area

functions in concentration decay equation (1)
enthalpy

cenvre-line fuel conceni.ullo.n

Mach number

exponent in decay eguation (1)

- pressure

temperature

velocity

axial distance downstream of injector
rat{o of specific heats

density

ignition delay time

reaction time

fuel/air ratio
stoichiometric fuel/air ratio

equivalence ratio =

denotes combvstor mainstream conditions

denotes fuel condlitions at injection
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THE FEASIBILITY CGF SUPERSONIC COMBUSTION RAMJETS
FOR LOW HYPERSONIC SPEEDS

R.Hawkins

1. INTRODUCTION

As flight speeds increase into the high supersonic régime, the cycle temperature of
conventional air-breathing engines rises rapidly. The use of turbojets or other
engines having rotating machinery does not appear feasible under these flight condi-
tions unless some degree of pre-cooling is employed. Of the air-breathing engines
available, it is generally accepted that the ramjet with subsonic combustion is the
best propulsion unit for high supersonic speeds. '

At hypersonic speeds the attendant high cycle temperatures experienced in this form
of ramjet drastically reduce its potential performance through real gas effects.
Consequently there is a need to consider lowering the cycle temperature, although this
apparently conflicts with the attainment of high cycle efficiency. Perhaps the most

‘obvious way of minimizing cycle temperature is to operate at fuel/air ratios well away

from stoichiometric. However the amount by which the effective overall fuel/air ratio
may be reduced in a hypersonic ramjet is severely limited by performance and size con-
siderations. An alternative method of reducing cycle temperature is to reduce the
degree of diffusion in the intake, and to effect the heat addition while the airstream
through the engine is still supersonic. '

By changing from a subsonic to a supersonic combustor, it should be possible also
to maintain the internal pressures, and hence the engine structure weight, at an
acceptable level. 1In this way the performance advantoges of flying at relatively low
altitudes would be attainable.

The purpose of this report is to review the conditions under which supersonic
combustion might be employed in a ramjet for low hypersonic speeds and to indicate
the feasibility of such an engine as deduced from recent work in the UK and elsewhere.
An actempt is made to outline the areas in which further research is needed.

2. INFLUENCE OF KEAL GAS EFFECTS ON CYCLE PERFORMANCE

It has beer stated that the two main incentives for cousidering supersonic combus-
tion in a hypersonic ramjet are the need to minimise real gas effects, which lead to
severe performance penalties in the conventional subsonic combustion cycle, and the
need to keep internal pressures at a reasonable level (say less than 10 atmospheres)
80 that engine structure weight is not excessive. Before describing alternative
supersonic combustion systems it seems appropriate to justify this statement, and to
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examine what limitations are imposed on the state of the combustion gases if these
requirements are to be met.

Considering first the loss of performance due to real gas effects. Cycle calcula-
tions based upon realistic componini €fficiencies indicate that the optimum internal
performance of conventional subsonic combustion ramjets increases through the super-
sonic flight range, and reaches a maximum ai hypersonic speeds. The performance of a
family of ‘ypical kerosene fuelled ramjets is shown in Figure 1. At hypersonic speeds
some uncertainty exists as to the c2gree of performance loss due to departure from
chemical equilibrium by the exhaust gases during expansion. Theoretical analysis
suggests th:t the lower curve in Figure 1 would be appropriate for small ramjets
(capture area about 5 ftz) with an internal pressure around 10 atmo:pheres.

It can be seen that the fall off i~ cycle performance at high flight speeds,
assuning fixed component efficiencies, is due almost entirely to real gas effects
(dissociation) in the combustor and nozzle. The combustion of kerosene in a high
temperature air stream (t > 1000°K) results in the existence of significant concentra-
tions of dissociation species in the combustion products {see Ref.1). These species
hold energy which in a thermally perfect gas, would be available for raising further
the post-combustion gas temperature, The resulting lower combustion temperature in
the real gas cycle leads to an increase in the entropy jump due to combustion: (compare
the entropy changes 1-2 and 1-2' in Figure 2). There is a consequent reduction in
exhaust velocity when the real zas products are expanded to ambient pressure: (compare
the enthalpy changes 2-3 and 2’-3' in Figure 2 which represent the kinetic energy of
the exhaust jets for the real and non-dissociating gas cycles, respectively). The
corresponding reduction in internal thrust is shown as the difference between the two °
upper curves in Figure 1.

Taking into account the fact that the internal thrust will be further reduced by a
non-equilibrium expansion process, the fall-off in performance of the conventional
subsoric combustion ramjet at high specds would appear to limit its application to
flight Mach numbers below 8 or 9. Since the relative magnitude of real gas effects
in a hydrogen fuelled ramjet is not materially different from that for a kerosene
fuelled engine (see Fig.3), this conclusion would still apply, in general, if the
former fuel were used. (The internal thrust o, & hydrogen fuelled engine is, of
course, highur at a given flight condition than that of a kerosene fuelled engine
because of the net differences in fuel calorific values and stoichiometric ratios.)

The loss in engiue performance due to real :-: et/ects may be reduced at high
flight speed by changirg to & supersonic combustion mode. Although with supersonic
combustion the entropy rise due to heai addition i: increased, this increment is not
8o great as would pe the case in the absence of real gas effects. In order to
minimise the entropy rise for the whole engine cycle, it is necessary to set off the
increased combustor lossex - including the injector and viscous losses - against a
reduction in those for the intake and exhaust nozzle. Figure 4 shows the relative
entropy rises (0-1) and (1-2) for an intake and supersonic combustor, with (0-1') and
(1/-2"), the corresponding values for a subsonic combustion ramjet. Whether, under a
given set of conditions, it would be advantageous to change from a subsonic to a
supersonic combustinn cycle will depend critically upon component performances, and
particularly upon the improvement in the intake performance which can be effected by
the change,
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The increase in transition Reynolds number with flight Mach number and surface
cooling, and the increasing length of the transition region at hypersonic speeds,
wiil make intake performance relatively difficult to maintain as flight speed
Increases. A summary of flat plate transition data has been attempted and the
results are shown in Figure 5. Experimental studies® suggest that free transition is
unlikely over radiation cooled intake compression surfaces of a medium siz»d ramjet
if the flight Mach number is much above 8. Unless a turbulent boundary layer prevails
in regions of significant adverse pressure gradient, the overall ccampression ratio is
likely to be severely restricted. Further experimental studies are necessary to
determine what level of performance can be expected from intakes for both Zuhsonic
and supersonic combustion ramjets a® hypersonic speeds. it is important also to
determine what additional interaction losses will be incurred by the fuel injcctior
system for a supersonic combustor. It will be necessary to ensure correct simulation
of compression surfac? Reynolds number and equilibriuc temperature ratio ' f the intake
calibration results are to be meaningful.

3. ALTERNATIVE MODES OF SUPERSONIC COMBUSTION

No mention has yet been made of the alternative modes of supersonic combustion, or
of the need to consider the various possibilities when optiwising engine cycle per-
formance. In its broadest sense supersonic combustion implies the injection of fuel
and establishment of a steady reaction zone in a supersonic (or hypersonic) airstream.
There are, however, several different modes of supersonic combustion which may be
characterised by the precombustion conditions and by the rate at which heat is effec-
tively released in relation to changes in combustor cross-sectional area.

Perhaps the most significant single characteristic is the ratio of the effective
reaction rate to the mixing rate under the local combustor conditions. If the mixing
rate is significantly greater than the reaction rate, then the combustion process is
likely to be detornative. (A prerequisite for the formation of a detonation wave,
whether normal or oblique, is premixing of the reactants.) If the relative rates are
reversed, then the combustion process will be diffusive.

There are many practical considerations which make a detonation process unattractive.

In general, the formation of a strong shock wave will leave the post-comnbustion gases
subsonic, so that near stagnation temperatures and pressures will be achieved. This
will militate against the reasons given for considering supersonic combustion. The
adverse pressure gradierts associated with a strong shock wave will introduce shock/
boundary-layer interaction problems in the combustor. Finally, the pusitional conirol
of a detcnation wave may prove difficult if the engine is to be operated cver a range
of flight conditions giving wide variation in precombustion pressure and temperature.

Many experiments have been made to assess the feasibility of esteblishing a stable
diffusicn fl me in a supersonic stream. Notable among these are those of Ferri and
his co-workers®, who have concluded that such a mode of combustion is entirely
practical. In view of this, it is not proposed to examine further supersonic combus-
tion involving strong shock waves or detonation waves. For the remainder of this
paper the meaningz of supersonic combustion will be restricted to a mixing rate con-
trolled process in which the flow rerains supersonic after heat addition. Such a
process characterises a supersonic diffusion flame, and may involve control by direct
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mixing of the reactants, where the local static temperature and pressure are
sufficiently tigh to give ‘spontaneous’ combustion, or control by convection of heat
and products from a pilot into mixing .eactants.

For the purposes of making simple cycle optimisation studies, several idealised
supersonic combustion processes may be postulated. In all of these the flow is
assumed to be one-dimensional and some parameter or function of state is assumed to
have the same value before and after heat release, thereby simplifying the computational
nrocedures. '

The most obvious alternatives are

(a) constant area combustion,
(b) constant static pressure combusticn,
(¢) constant velocity combustion,

(d) constant Mach number combustion.

The first of these alternatives is relatively simple to achieve. In practice, it
should be possible also under design point conditions, to approximate to the other
supersonic combustion modes as long as the heat release is mixing-rate controlled.
It remains to determine which of these alternatives are likely to be attractive from
cycle performance considerations.

To make direct and meaningful comparisons between the performance attainable with
different high speed engine cycles at a given flight condition is always difficult
because of the complex interactions of the variables. In making the present com-
parisons it has proved particularly difficult in view of the inherent limitations of
assuming one-dimentional flow, and because of the lack of reliable data at Mach
numbers above Mach 6 or so, on component efficiencies and factors influencing them.
However, an attempt has been made to be as realistic as possible in the hope that the
indications may be neither unduly pessimistic or optimistic.

The relative performances of families of subsonic combustion ramjets, constant
static pressure and constant area supersonic combustion engines are shown in Figure 6.
Each curve represents a series of design point engines, the engines being roughly
optimised to give the best possible performance at each flight Mach number consistent
with the realistic component efficiencies. Allowance has been made for injector
losses and internal fricticn losses in arriving at the performance of the supersonic
combustion ramjets. The effects of non-eguilibrium expansion in the exhaust nozzle
have also been included.

It can be seen that, of the two cases examined, constant pressure supersonic
combustion is the most attractive for replacing the subscnic combustion cycle for
flight at low hypersoric speeds. The relative advantage of this mode of combustion
is that the reduction in Mach number of the airstream due to heat addition is less
than that which would occur in a constant area combustor. Since the post-combustion
Macn number cannot fall below unity if transition to subsonic speeds (“thermal
cheking™) is to be avoided, then the constani pressure combustor can accept a lower
entry Mach number. Hence, for a given flight condition, the static temperature at
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entry to the combustor will alsc be higher, thus reducing the entropy rise due to heat
addition and giving a better cycle performance than the constant area combustor.

The advantage of a constant pressure cjcle is apparent, not only in the enhanced
performance obtainable, but alsoc in that it can be employed at a lower flight Mach
number than the constant area combustor. The constant Mach number cycle should be
even better than the cunstant pressure cycle in respect of the. latter advantage. (The
constant velocity cycle epproximates closely to the coustant pressure cycle, since
the velocity change across the combustor in the latter cycle is small, 3% in a hydrogen
fuelled engine and 7% with kerosene.)

As flight speed increases, the performance of Lhe constant pressure cycle, operating
with a post-combustion Mach number approaching unity, diminishes due to real gas
effects. At speeds above about Mach 9 it is not clear from the present studies
whether the constant area cycle would be better than the constant pressure cycle.

The performances of the various alternatives above Mach 9 will depend critically upon
component efficiencies and, since no data exists for these speeds, it is impossible
to form any conclusions, however tentative, about the relative advantages of the
different cycles.

The superiority of the divergent supersonic combustor at the lower flight speeds,
however, appears to be well established. The performances which might be expected
from an optimised engine using this type of combustor 2re very good and may be
expected to remain so at least to Mach 12, provided the intake performance can be
maintained at these speeds.

Given the necessary practical data on fuel-air mixing rate under the flow conditions
likely to obtain in a supersonic combustor, there should be no reasorn why the diver-
gence of the combustor could not be designed to give near-optimum performance, as
long as the ccabustion process is mixing-rate controlled.

Hypersonic project investigations indicate that the supersonic combustion ramjet
would be very attractive for acceleration roles, for which it shoul” be used at the
lowest possible flight Mach number. Using, for example, a constant pressure cycle,
the engine performance is apparently good at a flight Mach number of 5 and possibly
below, while the engine internal pressure ratio is lower than that of the equivzlent
subsonic combustion cycle. This means that a given size of engine can be flown at
lower altitudes within a certain engine maximum cycle pressure. The lower altitude
confers ahigh thrust -drag margin and efficient acceleration. On the other hand, an
aircraft with a subsonic combustion engine would have to fly somz 20,000-30, 000 ft
higher to avoid excess iaternal pressures, and the loss of acceleration thrust and
consequent increase in fuel consumed would be a severe penalty.

These consideraticns emphasise the need for research on supersonic combustion
under conditions appropriate to the speed range in which the transition from a sub-
sonic combustion cycle may be effected, i.e. in the range Mach 4 to 7.

T
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4. FUEL-AIR MIXING IN A SUPERSONIC STREAM

4.1 General

Having estsblished the case for supersonic combustion ramjets on the basis of cycle
performance studies, the feasibility of mixing and combustion in a supersonic stream
must be examined. If a medium sized supersonic combustion ramjet is to be practical,
then the combined mixing and combustion lengths should be around ope foot or less. A
considerable body of experimental data has been examined with the object of deciding
whether adequate mixing is likely to be accomplished in such a length, and to indiccte
what beneficial features in the injector and its environment would enhance the rate of
mixing.

Numerous studies on turbulent mixing, with and without chemical reaction, have been
carried out by various investigators® !®. Unfortunately experimental data on mixing
rates appear to be confined mainly to the diffusion of non-reacting gases into an
infinite mainstream. In a supersonic combustor mixing will be accompanied by chemical
reactions. Also, interactions between the diffusing reactants and the duct boundaries
or adjacent reaction zones appear inevitable. Consequently, in the absence of mean-
ingful experimental data, it is impossible to determine with certainty the mixing
lengths needed under a given set of conditions to achieve near complete mixing of the
injected fuel. However, by assuming that reactions provide an effective sink for the
diffusing fuel, and that interactions with adjacent jets do not involve the fuel, but
intermediates and products, then mixing rates for the fuel into an infinite chemically
inert mainstream should, at least, give the most pessimistic indication of those to be
expected in a combustion chamber when the mixing is accompanied by chemical reactions.
If these mixing rates are found acceptabie then the prospects for short supersonic
combustors will be very good.

It has been necessary for the present study to make this assumption in order to
estimate mixing lengths. Clearly theoretical and experimental studies must be made
of fuel-air mixing with finite rate chemistry, so that more reliable estimates are
possible.

If the survey be confined, in the first instance, to tangential injection of a
gaseous fuel in a downstream direction. then three injector systems are of particular
interest.

(a) A two-dimensional injector spanning the combustion chamber and giving essenti-
ally a two-dimensional midstream jet of fuel.

(b) An injection slot at the wall of a rectangular sectioned combustion chamber,
ov an .ular slot around the periphery of an axisymmetric chamber. In both
cases the fuel would be injected as a two-dimensional jet along the combustor
wall.

(c) A midstream axisymmetric injector giving an axisymmetric jet of fuel immersed
in the mainstrean.

In gencral the change of centre-line fuel concentration with distance x due to
turbulent mixing under a given set of conditions may be expressed in the simple form
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F
Centre-line concentration K = —— tn
(x + p)° '

wvhere F and b are functions whose values depend upon the injector geometry, its
environment. and the properties of the fuel being injected. When studying the change
of concentration in the far field (i.e. at distances of some hundreds of injector
heights), the constant b which is a measure of the effective potential core length
is relatively unimportant. The value of the decay exponent n appears to depend
mainly upon the particular injector system, i.e. whether the jet is of the type (a),
(b) or (c), as listed above. Although the exponent n is a function of x , experi-
mental results suggest that, for a jet mixing with un unbounded mainstream, it may be
considered constant for all x except for a region close to the injector.

The classical Reynolds analogy assumption gives, provided that the turbulent Prandtl
and Lewlis (or Schmidt) Numbers are all unity,

u, -u T, -T
E = £ = £ 2)
ue - llj Te . o Tj .
where u = local velocity of injected gas
T = local temperature of injected gas

K

local mass concentration of injected gas,

and suffix e denotes initial mainstream values

J denotes initial values for injected gas.

Thus the dimensionless velocity, temperature (or enthalpy) and concentration
profiles should all be identical at a given distance from the injector. In practice
it is generally found that the profiles are similar for turbulent mixing of gases,
and hence it may be inferred that the turbulent Prandtl, Lewis and Schmidt numbers
are reasonably close to 1.0. This is particularly convenient since it enables general
conclusions on conc2ntration decay rates to be made from studies of velocity or
anthalpy decay rates.

4.2 Decay Rates for J:ts Immersed in an Inert Infinite Airstream

A simplified expression was given in Equation (1), which suggested that the change
in concentration of injected gas with distance from the injector (normalised by using
a characteristic dimension of the jet) involved three constants for a particular
injection system. The constants K and b are related functions of the particular
injector and its environment, whilst the exponent n 1is mainly a function of the jet
form, i.e. whether two-dimensional, axisymmetric etc.

All experimental data on mixing of a tangentially injected jet show that the
process is much more rapid with an axisymmetric injector than with a two-dimensional
system. Data from References 7 and 14 are shown in Figure 7 for a particular
Jet/mainstream velocity ratio of 0.7. These experimental data are typical of all
those examined.
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The higher mixing rate for the axisymmetric over the twr-dimensional jet is due to
the fact that, in the former case, the surface area availuble ror mixing and shear is
proportionately greater. Also, the ‘surfece’ area over which mixing occurs increases
with distance for the axisymmetric jet. It is this last effect which gives rise to
the steeper slope for the axisymmetric system in Figure 7. )

These data appear to give & reasonably consistent picture for the mixing rates to
be expected for the injection of gases tangentially into a unbounded supersonic air-
stream. They suggest that the centre-line concentration of the injected gas decays
exponentially according to the following laws:

1
for two-dimensional midstream jets, K « SO
x°
1
for exisymmetric midstream jets, K o« —,
x

The exponents in the decay rates appear to be independent of the jet/mainstream
velocity or mass flux (ou) ratios and also of mainstream Mach number for M < 2
(the correlations made in References 3, 4, 5 and 8 suggest that compressibility
effects may become significant when the mainstream Mach number exceeds three).

The exponents also appear to be independent of the molecular weight of the injected
gas for all experimental results examined except those of Ferri and his co-workers®:’
for the case of hydiogen injected by an axisymmetric probe.

Forstall and $hapiro‘5, who studied the turbulent mixing of an axisymmetric jet of
eir into air for jet/mainstream velocity ratios less than unity, determined empirically
that .

Schlichting9 has shown from theoretical considerations that the centre-line
velocity of an axisymmetric jet injected into stagnant air would decay according tc
the relationship

1
1 -,
X

Ferri and his co-workers present a body of experimental results which show that,
for an axisymmetric jet of hydrogen in air, the centre-line concentration decays
gccording to the relationship

=
134
“nl a

for the region between 2 and 10 injector diameters downstream of the injection point.
This data is shown as the lower curve in Figure 7. Since most of the other experi-
mental data examined covered regions much f{urther downstream of the injector, it is
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possible that the higher decay r..e observed by Ferri would tend to 1/x at greater
values of x . Alternatively, chere could be an influence of molecular weight ratio,
or some other parameter, which leads to a high decay rate close to the injector. 1In
any case, the mixing rate for an axisymmetric jet in a supersonic stream needs further
examination - particularly with higher supersonic mainstream Mach number.

As far as the decay of a two-dimensional midstream jet is concerned, theory’
suggests the exponent in Equation (1) should be pr = % . This value may be taken as
being well established experimentally. Spalding'? has analysed the experimental data
of Forthmann on injection into a stationary atmosphere, and Weinstein, Osterle and
Forstall, on injection into a moving mainstream. 1In both cases it was shown that the
velocity decay in the far-field obeyed the law:~

ug - u 1
C =5
Uy - Uy X

Recent experimental studies!* with gases of high and low molecular weight ratio

gave results which also follow this law. These latter results are shown in Figure 7
and indicate how much faster the mass concentration of the light gases falls compared
with heavier ones. This observation may be due in part to the fact that mixing a given
volume of air in turn with equal volumes of a light and a heavy gas would result in a
lower mass fraction for the lighter gas, and hence an apparently greater rate of
mixing for that gas. ’

4.3 Decay Rates for Tangential Wall Jets in an
Inert Infinite Airstream

A considerable body of experimental data is available on the rate of decay of a
two-dimensional jet injected along a wall. Many of these data have been included in
surveys by Spalding et al, 9712,

Two theoretical models have been proposed in Reference 10 to describe the decay
process for the tangential wall jet. That due to Stollery is applicable for the case
where the jet/mainstream velocity ratio is less than unity. Stollery's theory, based
upon a boundary-layer model for incompressible flow with zero pressure gradient, has
been extended to cover compressible flow with mainstream pressure gradients by Holland“.
This theory predicts that the enthalpy decay for the wall jet should be given by

h, -h 1
0.8 °

@
he - hJ X

This relationship which, by Reynolds Analogy, applies also to the velocity and mass
concentration decay, is well supported by all the available experimental data for
regions well downstream of the injection slot. 1In particular, the experimental data
of Price® for air into air, of El-Ehwany‘" for arcton 12 into air, and of Hatch and
Papell19 for helium into air, whose results at a velocity ratio of 0.7 are shown in
Figure 8. indicate a decay exponent of n =0.8 .

These experimental data suggest also that the value of this exponent is independent
of slot design, environment, or molecular weight ratio of the injected gas. Limited
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experimental data of Morgenthaler® indicate that an exponent of n = 0.8 describes
also the far-field decay rate of hydrogen injected from a two-dimensional radial slot
into a supersonic air stream at M =2,

4.4 Factors Influencing the Rate of Mixing

Although a relatively simple classification of factors influencing the exponent in
the mixing equation appears possible, no such simplification has yet proved possible
in the case of the constant of proportionality, i.e. the :.unction F in Equation (1).
Invariably absolute mixing rates determined experimentally are higher than those
predicted by theory. The more ‘practical’ the injector design becomes, the bigger
the discrepancy between theory and experiment.

In the environment of a supersonic combustor many extraneous, but nevertheless
important, influences may be expected to modify significantly the absolute mixing
rates. Such factors are mixing accompanied by chemical reaction, mainstream turbulence
and pressure gradients, and injector design, etc. Indications of the possible effects
of some of these factors are given in Figure 8. The amount of data available is
hopelessly inadequate, but the curves serve to show that the constant of proportion-
ality F 1in the mixing rate equation will depend very wuch upon the injector design
and environment, as well as upon the properties of the fuel being used. Fortunately,
most of these “practical” factors lead to an increase in mixing rate, so that it
should be possible to shorten significantly the injector and combustor section by
developing their geometry to take advantage of these features. Price® presents
experimental data which shows how near-field effects associated with slot design can
significantly increase the absolute mixing rates. Price also indicates the effect of
large scale stream turbulence and vorticity which also serve to increase the mixing
rate.

One important factor which influences the rate of mixing, and which is amenable to
theoretical treatment, is the relative motion of the jet and the surrounding stream.
It is generally considered that, in uniform density streams, turbulent mixing arises
as a result of instabilities in the turbulent shear layer separating the two streams.

Classical mixing theories assume that the mixing is dependent on the velocity
difference between the two streams and correlations have been made which purport to
Justify this assumption. Recent work by Alpinieri’ and El-Ehwanyl“ with streams of
different density failed to detect a minimum mixing rate in the far-field when the
velocities of jet and mainstream were equal. It appears possible that equality in
either velocity, mass flux (ou), or momentum (ou’) between jet and mainstream does
not lead to minimum jet decay rates in the far-field. This problem, which must
influence the design of a supersonic combustor, deserves further study over a wider
range of experimental variables.

The work of Ferri® indicates that the mass flux ratio o,u Aoeue may be far more
significant than the simple velocity ratio u /ue in describing the mixing process.
This parameter has been used successfully by several worikers to correlate experimental
data. Assuming the mass flux ratio is an important parameter influencing the ahcolute
mixing rate, then a constant geometry engine, fuelled to a constant fuel/air ratio,
would have a fixed mixing length independent of flight speed and altitude. For, with
constant fuel/air ratio, the respective mass flows through the combustor %ill be
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and, since AJ/Ae would be constant in a fixed geometry engine,

il
fikdl = constaat .
Pele

This feature would be a most desirable attribute in a mixing-rate controlled
supersonic combustion ramjet.

On the basis of this survey, it is aprarent that much remains to be done, both
experimentally apd theoretically, before the turbulent mixing of non-reacting compres-
sible jets is well documented and understood. The problem of mixing with finite rate
chemistry also requires detailed attention if reliable data are to be available for
optimising and designing a supersonic combustion engine.

Despite the limitations in the existing data, an attempt has been made to estimate
the number of injectors required to fuel a given combustor with hydrogen and achieve
adequate mixing. Obviously, the shorter the duct, the larger the number of injectors
required. The estimates, which have been based on data from Ferris, Morgenthaler6

and Stollerylg, are given in Figure 9.

The number of injectors required varies with the length/diameter ratio for
axisymmetric injectors in a combustor of circular section, and with the length/height
ratio for two-dimensional injectors spanninz a combustor of rectangular section.
Despite the lower mixing rates for the two-dimensional jets, the stream area covered
by each injector in a rectangular combustor of high aspect ratio is so large that the
number of injectors required would appear to be feasible, even for the case of a
relatively short combustor.

3. COMBUSTION IN A SUPERSONIC STREAM

In general, combustion may be reaction-rate or mixing-rate controlled, depending
upon which process is the slower under the local conditions. In either case, however,
the chemical reactions necessary to release heat cannot proceed until reactants have
mixed at least locally. In the previous section, the problem of fuel-air mixing in a
supersonic stream was discussed. In this section, the time needed for reactions to
occur will be examined in relation to the mear. transit time of the mixture within the
combustor. In order to make this study it is necessary to assume the existence of

local regions of completely mixed reactants.

The overall combustion reaction may be subdivided into two régimes - an ‘induction
or ‘ignition delay’ period, in which significant pre-flame chemistry takes place with
little or no heat release, and a ‘reaction’ period, in ‘hich the main heat release
occurs. The first cymprises two body reactions which are usually either weakly
exothermic or endothermic, while the second consists of three body recombination
reactions which are usually strongly exothermic. The two regions are distinctly
shown in Figure 10 and characteristic times, Tio and Tg . DAy be ascribed to each.
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values of these characteristic times may be calculated, provided the necessary data
are avajlable, or they maybe determined experimentally. At present there is a dearth
of direct experi-ental information covering the rargze of compositions, pressures'and
temperatures of interest, although limited data are available from shock tube studies
for hydrogen/air and some gaseous hydrocarbon‘air mixtures (see, for example,
Reference 20).

Calculation of characterisiic times requires knowledge of the complete reaction
scheme and rate data for all the relevant reactions. Because of the complexity of
the problem, computations have, as yet, been limited to some of the simpiest fuel-
oxidant combinations. One of the systems which has been studied in some detail is
hydrogen-air.

A list of the most prubable reactions which may be used to describe the combustion
of hydrogen in air, is given in the Appendix. Listed also is the particular groupings
of these reactions which have been used by different investigators to calculate the
overall reaction time for hydrogen-air under various conditions of pressure and
temperature.

Obtaining reliable rate data for the various reactions presents nore of a problem.
Several surveys have been carried out and preferred data recommended, notably by
Ferri® and Ellis®!.

There appears to be excellent agreement between these workers as regards the
preferred rate constants for the two body collisions involved in thr ignition delay
zone. Some doubt appears to exist, however, as to the best values use for the
constants in the rate equations for the three body reactions. Fer:i. ' has taken
alternative values of these latter constarts and computed the corresponding overall
reasction times. The rate data used by Ferri, together with the alternative constants
for the recombination reactions, are also presented in the Appendix. Also tabulated
are the rate equations recommended by Ellis?!, It will be seen that, of the alterna-
tive schemes studied by Ferri, his _.referred scheme (Scheme 2) coincides very closely
with the data recommended by Ellis for all but the oxygen reaction

0, +M — 20 + M.

An examination of the available rate data for this ceaction suggests that Ferri’'s
preferred value is borne out by experiment (see Fig.1l) and is in fact slightly
pessimistic compared with that recommended by Ell1s?!,

The influence on overall reaction time, of using the different values for the
recombination rate constants, is illustreted in Figures 12 and 13,

Momtchiloff et al.?? favour the inclusion of various nitrogen reactions in the
calculation scheme. It is not felt that these are of great importance 2t the com-
paratively low initial temperatures that will subsequently be sliown to be of interest.

It seems reasonable, on the above discussion, to accept Ferri’'s reaction times,
based on the rate data given in the Appendix, together with the recombination rate .
constants of Scheme 2, as being reliable, and to use them in assessing the conditions
under which supersonic combustion mav be feasible. Following Ferri therefore, the
ignition delay time and the react.on time for hydrogen air combustion will be taken as
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where p 1is in atmospheres and T 1in °K.

By summing these, the overall reaction times under given local initial conditions
of static pressure and static temperature may be obtained. Using the combustor entry
conditions, the resultant times should be relevant to & constant pressure combustion
process. Figure 14 shows the total combustion time as a function of initial tempera-
ture, over the range 600 - 2400°K, for combustor pressures of 0.1, 1.0 and 10
atmospheres. These curves show clearly the need for the local initial mixture
temperature to be in excess of about 1000°K, and the combustor pressure to be as high
as possible. Whether, under a given set of iniet conditions, the overall reaction

time will be short enough will depend upon the mezn residence time within the combustor.

Figure 15 summarises the combustor entry conditions which would obtain at a given
flight Mach number. An intake kinetic energy efficiency of 0.96 has been assumed and
the stratospheric temperature has been taken as the ambient static temperature before
compression. To a very close approximation, a line of constant static post-compression
temperature (t,) corresponds also with a line of constant intake compression ratio
(91/po)° In Figure 15 the average compression ratio for the range of flight Mach
number covered has been quoted for each line of constant combustor entry temperature.

The quasi-thermal choking limit (assuming one-dimensional flow) for a constant
pressure supersonic combustor burning a stoichiometric hydrogen-air mixture, is shown
also in Figure 15. It may be seen that the lowest possible combustor entry velocity
will be ahout 3500 ft/sec. With a combustor length of about 1 ft this means a mean
residence time of the order 10" to 10" sec. Reference to Figure 14 will show that,
for the total reaction time to be less than this residence time, the combustor inlet
temperature nmust be greater than 1000°K and the combustor pressure must be greater
than one atmosphere. The necessary combustor entry pressure-temperature requirements,
to ensure the reaztion time is shorter than the residence time, are defined more
precisely in Figure 16.

Referring to Figure 15 it may be seen that the combustor temperature requirement
may be met at flight speeds above Mach 6, providing the com<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>