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Total actuel blade area, bcRE
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Total compressor inlet ares, (5—%&)— + .522 n)
)

Equivalent flat plate area (CD = 1.0)
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Slope of Cp, of nacelle versus yav angle ¢ where C, is based
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Blade aspect ratio (R/chord)

Tip loss factor, .97
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RFhvail
RFreq
Rug a1l
Rureq

Military rated thrust horsepower at sea level and TOO feet
per second (see Equation Lk)

Fuel flow at military rated thrust and 700 feet per second

v 2

Ioad factor = R jg >

Number of engines
Over-under (refers to mounting of engines &t blade tip)
Parasite drag horsepower

Rotor radius from rotor centerline to centerline of outboard
engine (see Figure 1)

Fuel weight to gross weight ratio availatle

Fuel weight to gross weight ratio required

Fuel weight available plus payload to groes weight ratio
Fuel weight required plus payload to gross welght ratio
Rotor profile horsepower (total)

Contribution of blade to rotor profile horsepower
Contribution of nacelle to rotor profile horsepower
_lde-by-side (refers to mounting of engines at blade tip)
Single (refers to mounting of engine at blade tip)
Induced velocity due to disk loading {forward flight)
Blade profile induced velocity.

InCuced velocity due to nacelle 1ift

Induced velocity due to nacelle side load

Induced velocity due to fuselage drag

Induced velocity due to rotor ram drag

Induced velocity due to disk loading (hover)
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v Helicopter airspeed, feet per second

vmx Design maximum velocity, miles per hour

V,r Tip speed at centerline of outboard engine

VTB Hover tip speed

VTV Cruise tip speed

v Disk loading = (Wy/tR") or blade weight per unit length

WB Blade weight
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wc Helicopter component weight
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WG. ol Design gross weight that exactly meets the mission reguire-
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WI Instrument weight

wm Ianaing gear veight
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wPL Payload weight
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Angle of attack about pitch axis of blade or nacelle

Ratio of engine nacelle centerline to rotor redius (R"/R)
(see Figure 1)

Time required for a given portion of mission
Helicopter weight change

Fuel weight change

Payload weight change

Coefficient of drag of blads at O = 0, referred to Ab
= 0.00900)
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Coefficient of drag of blade at 6,000-foot pressure alti-
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Nacelle coefficient of drag at @ = O, referred to AI
2
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" Boy * 8210,

Nacelle drag coefficient at 6,000-foot pressure altitude
and 95 degrees Fahrenheit

Nacelle coefficignt of drag for use with engine compressor
inlet area and ¢

Rotor blade twiat} negative sign indicates twist direction
same a8 for a propeller with same rotational direction as
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Overall efficiency factoyr = ,97

Advance ratio (V/Vry)

Ratio of blade radius to rotor radius, (R'/R)(see Figure 1)
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Engine Arrangement.




1.0 SUMMARY

1.1 Initisl Objectives

1.1.1 Introduction

The initiel objectives of this study were to determine the optimum de-
sign parameters of a heavy-1lift helicopter powered by turbojet enginec
installed at the rotor blade tips. The design parameters and configur-
ation that yield minimum gross weight consistent with the mission
requirements and performance specifications within the design limita-
tions are considered optimum.

These optimum design parameters were found for each configuration con-
sidered by determining the minimum gross weight required to meet the
fuel requirements of the mission which is set forth in Section 1.1.2
for each combination of the design parameters in Section 1.2. Meeting
the hover requirement in the performance specification wes ensured by
selecting required power using a generalized method of engine size
determination. A study was also performed to determine tne solutions
vhich would not meet the forward speed requirements. Trese studies
showed that within the load factor limitations set forth in Section
1.1.4, no limitations would occur below a design mean lift coefficient
of 0.50. This upper value is consistent with current helicopter practice.

1l.1.2 Mission Requirements

a) Payload (outbound only) ....ceveeeeesnscsss 12 tons
b) Radiud ...oevcececccenncns ciessessesesssees 50 nautical miles
¢) Cruising speed:

1) OUtBOUNd .evveveeencnsenccscnsnncessss €0 knots

2) INbound ...cievciecrsscsnssssscacesss. 100 knots
d) Atmospheric condition .....c..c00000se0... Sea level standard
e) Hovering time (out-of-ground effect):

1) At takKeOoff ....ccvvveencnssensnensnsss 3 minutes

2) At destination (with payload) ........ 2 minutes
f) TUEL TEBEIVE ......cevevesnsees.sncnsnsess 108 of initial fuel

1.1.3 Performance 3pecifications
a) Hover capability (OGE):

1) ALtitude ...cvevinnveincocncsnoronnnes €,000 feet
2) Temperature ..........cecveeeeceneesss  *95° Fahrenheit
b) Design maximum speed .....cco000000eieee.. 129 miles per hour

1.1.4 Design Objectives and Limitations

a) Rotor tip environment ....coveeveeveceeee, 235g
b Tip Bpeed $ 00 000800000000 BIses s st 650 to 750 feet per second

-




e)

Gross welght ......ccoieiiineininnnnnnnn.. £0,000 to 80,000 pounds
Design mear lift coefficient at see

level, CpLp  +eeeveeerecennnnnnnnneinnnnn.. .30 to .€C

Engine thrust, weight and fuel

consumption based on .......cc000chnnnn.n, CAE 357-1 turbojet

1.2 Design Parameters

The variable design parameters used with each set of configuration para-
meters (see Section 1.3) are as follows:

a)

b)

c)

Chord "C", tvviieernnnenoenncnncnsonnnnsnns €.0, €.5, 7.0, 7.5 feet

Hover tip speed, Vg -.-.veceenneeeennnen. 550, €00, €50, 00, T3,
T50 feet per second

Centrifugal force field at centerline of outboard engine in gravity

units, g. Values determined as outlined in Section &.1.2.

1.3 Configuration Parameters Used

The following is a grouping of the configuration parameiers used in the
parametric design study.

a)

b)

Number of blades - 2, 3 and 4 (see Table 1 for values of tip loss
factor, "B", used for each number of blades)

Engine arrangement (see Table 1 for engine arrangement parameters
used at each blade tip):

1) Over-under mounting, two per blade.
2) Side-by-side mounting, two per blade.
3) Cingle mounting, one per blade.

Fuselage and load configuration:

1) Internal load, retractable landing gear (transport).
Equivalent drag area:,
Quttound - %0 ft2
Inbound - 50 ft

2) External load, fixed landirg gear (crane).
Equivalent drag area: 5
Qutbound - 200 ft

Inbound - 100 ft°

The parameters used for the crane fuselage are shown in Table 1. The
internal load, retractable landing gear configuration, used the four-
blade, eight-engine, over-under parameters which are shown in Table 1.




1.4 Optimum Configuraiions and Design Parameters

1.4.2 Generalized Engines

The generalized engines are based on the Continertal (CAE) Model 357-1
version of the J69-T-29 engine. Specifically, the generalized engines
have the same basic design as the CAE Model 357-1. The thrust variation
with inlet area is given by Equation (28). The weight variation with
thrust is shown in Figure 24, and the specific fuel consumption is the
same as the CAE Model 357-1 engine.

The results of the parametric study with the generaliized engines indi-
cate that the machine with the lowest gross weight is obtained with the
minimum permissible number of blades and the minimum number of engines
per blade. The study also indicates that a configuration with a trans-
port fuselage had a higher gross weight than a like configuration which
utilized a crane-type fuselage.

The two-blade rotor configuration is not considered appropriate because
of control power considerations. The results of the parametric analysis
indicate that the optimum configuration for the prescribed mission (see
Section 1.1.2) is a helicopter with the following characteristics:

a) Trree blades
b) A single engine per blade
c) A crane-type fuselage

The optimum design parameters for the several configurations are pre-
sented in Table 2. Table 2 is composed of three parts:

a) Table 2a lists the optimum design parameters for all configura-
tions; these parameters fall within the limitations set forth
in Section 1.1.4.

b) Table 2b lists the optimum design parameters for the same config-
uraticns and conditions as Table 2a except that the hover tip
speed is optimum for the configuration. (This optimum hover tip
speed is less than the €50-foot-per-second minimum set forth in
Section 1.1.4 for all but the two-blude configuration.)

c) Table 2c 1lists the optimum design parameters at 125 miles per
hour with the 235g limit removed.

The optimum configuration within the limitations set forth in Section
1.1.4, "Design Objectives and Limitations,” has its minimum gross
weight at the following values of the desig. parameters and engine
description:




Desigr gross weight, WG ......................... €3,200 pounds
Hover tip cpeed at centerline of engine, VTH .... €50 feet per second

Chord 1ength, € «.cuvuueenernocecoroocnsaanoaaans €.91 feet

Main rotor radius, R (from centerline of rotor

to centerline of engine shaft) .................. 55.83 feet

Rotor tip enviromment ...........cccvieiinencnnn 235¢

Design mean 1ift coefficient, CLr .............. .376

Cruise tip speed, VTv ........... . €42 feet per second

Number of main rotor blades, b .................. 3

Number of engines, I L E LT LR E PR PRI RTRTY 3

Engine arrangement .................. 00000000000C one engine at tip of
each blade

Solidity, O .........uen... e teeetieeeeeaea vee.. 1162

Total cngine rated thrust .......... e e 10,868 pounds

Rated thrust per engine .......... Ceteeaea cevees 3,623 pounds

Weight per engine ......cvueceeevncnncncenaneanan T35 pounds

Net thrust, F,, available per engine at sea

level, standard atmosphere and 598 f.p.s. ...... 3,304 pounds

Net thrust, Fy, available per engine at €,000

feet, 95°F. stenderd hot day ......coeevveeeennnns 2,270 pounds

MRT s.f.c. at 598 f.p.s. and sea level standard 1b/hr

a;;nsphere ...................... 300000000000000C 1.260 E—tL-hn—ls_t

75% NRP s.f.c. at 598 f.p.s. and sea level 1b/hr

standard atmosphere ..... 0000000C 500000000000000C 1.4516 m

Maximum engine diameter ............. ...t ooc 31.9 inches

Maximum nacelle diameter ..............c000iai 37.9 1inches

Engine length ......ccciviiiiiiiiinennnnn. ceenes €0.€ 1inches

Nacelle length .......... et eeetae et eeaaaee. 86.2 inches

Empty weight ..... Ceveees Ceereaee. ettt eeeneraa 27,826 pounds

Fuel weight ....cvvveeennennnenn 00006000000600000 10,774 pounds

Payload ...... ceeeas Ceereeeeneas Certereeecieanne. 2k ,000 pounds

Crew and oll ...oovvvinncrnnrnnn. e Ceeereeea €00 pounds

The minimum gross weight for the optimum configuration from Table 2b
occurs at the following values of the design parameters and engine
description:

Design gross weight, WG ............... Ceereneaee 59,800 pounds

Hover tip speed at centerline of engine, VTH e... 598 feet per second

Chord length, ¢ ..... e et ... 6.82 feet

Rotor radius to center of engine shaft, R ....... 47.3 feet

Retor tip environment ............ ©0000600000000C 235¢

Design mean 1ift coefficient, CLro Cetersserteraus 0.50

Cruise tip speed, Vp, ....... e ibeereereaaiaa ... 598 feet per second
i

1=




Number of blades, b .........cceteiiieeaen. 3

Number of engines, n_ .....c..civiirninnnesrnns 3
Engine arrangement ............ ittt one engine at tip
of each blade
SOLAAILY, O vernenrenernneenneeeenneennnenanns 138
Total engine rated thrust ........ecevunuennn. 12,148 pounds
Rated thrust per engine .......ccvvivveennncnnn. L ;049 pounds
Weight per engine .......c.cveveennennnnncnannnns 815 pourds
Thrust at 598 f.p.s., sea level, standard ...... 3,670 pounds
Thrust at 598 f.p.s., 6,000 feet, 95°F. ....... 2,510 pounds
MRT s.f.c. at 598 f.p.s., sea level
R e I el e, 1.060 —Lo/br:
1b. thrust
75% NRP s.f.c. at 598 f.p.s., sea level,
N T RSP 1.116 -%M
~~ 1b/ thrust
Maximum engine diameter ..........cciivtvinnanen %3.1€ inches
Maximum nacelle diameter .......c.eeeeeeeecnnecnn 39 %4 inches
Engine length ......ccvvvvueeennn. Ceeeeieaasaann €3.0 1inches
Nacelle length .....cvvvenenronnnennccnnananacnn 89.6 inches
Bmpty weight ......coveveeinnnnn.. Ceeeeeaes ee... 24,007 pounds
Fuel weight ............... 0000000 D000000000600C 11,193 pounds
Payload .......ece... Ceeesese e R . 24,000 pounds
Crew and 011 ...cvvvveenccnnnnnnnn e ceee 600 pounds

An empty weight breakdown for these two conditions, €50 feet per second
and 598 feet per second hover tip speed, is given in Table 3.

1.4.2 CAE 357-1 Version of the J69-T-29 Engire

The description, performance, and installation of the CAE 357-1 engire
is presented in the tip turbojet design layout report, Volume III. This
version of the heavy-1ift helicopter is designated as Model 11C8.

An over-under engine installation arrangement was used for the Model
1108 cecause of the anticipated difficulties associated with unequal in-
let air distribution between side-by-side engine inlets at higher ad-
vance ratios and because of structural difficulties. At that time it
was realized that the nacelle drag effect would be increased by using
the over-under arrangement.

A surplementary parametric study indicated that while lower gross
weights mery be achieved with hover tip speeds lower than the minimum
specified by Section 1.1.&, the rated thrust required increases as tip
speed decreases below the minimum of 650 feet per second. This reduc-
tion in gross weight with decreasing tip speed is shown in Figure 3.




Prior to the completion of the rotor decign studies, the rotor group
weight was not well defined; therefore, it was decided that for this
configuration (Model 1108), rotor group weight would be determined by
design layout. This rotor was selected from the standpoint of attain-
irg the minimum blade weight and providing adequate clearance for the
internal engine service lines without penalizing excessively the hover
thrust capability at 6,000 feet, 95°F.

The final preliminary design analysis of the rotor group indicated a
weight which is approximately 1,800 pounds heavier than originally con-
sidered. The current 1,700-pound rated thrust of the CAE 357-1 engine
was thus marginal to provide HOGE capability at 6,000 feet, 95°F.
Therefore, to provide hover capability, it was considered appropriate
on the Model 1108 to consider meeting the mission requirements on six
of the engines in cruise flight and with the cruise tip speed reduced
to an optimum of 540 feet per second. This realized an 800-pound fuel
weight reduction (see Section 2.7). An additional 600 pounds was re-
moved from other components where savings could be achieved over the
statistical estimates (see Table 3 for final weight breakdown of this
configuration compered to estimates used in generalized engine study).
The ma jor differences between the iinal weight conditions and the gen-
eralized weight conditions for the study are that the generalized hel-
icopters were considered to be fitted with two auxiliary power units,
while the hardware engine versions were considered to have only one,
and that three crew members were included instead of two. The follow-
ing is a list of the design parameters for the Model 1108 with over-
under engine mountings:

Design gross weight, W, ......ccoovvininiininennnn. 72,10k pounds
Hover tip speed at cenferline of engine, Vg < oo 650 feet per second
Chord length, € .o.cvverenrncnrereseeasecnacsns .. 6.5 feet
Rotor radius to centerline of engine shafts, R e.. 55.83 feet
Rotor tip environment ............... . cveiiiinn, 235¢
Design mean 1lift coefficient .................. ces 0329
Cruise tip speed .......... o0 RERE o X 0000 oo 0 c 592 feet per second
Optimum tip speed .....evvvvuvennn . PN W 540 feet per second
Number of main rotor blades, b .........ovuvuunn. L
Number of engines, n_ «...c.oviernieernieenienen. 8
Engine arrangement .......ccceceteicnrrcnsnnnoons one over the other at

each blade tip
S01idity, 0 seveevernnnnn. - IETE L. EEE- .. 148
Total engine rated thrust .......oeevevevsvennnns 13,600 pounds
Rated thrust per engine ........vcvvevieevveenans 1,700 pounds
Weight per engine ............ .55 - 0% .- 365 pounds
Thrutt at 650 f.p.s. and sea level standard
AtmOSPhere .....cocoveveveoncssssnsssnsnsesssessss 1,50 pounds
Thrust at 650 f.p.s. and 6,000 feet, 95°F.
standard hot day atmosphere ceescsssscesessssssss 1,057 pounds
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MRT s.f.c. at 592 f.p.s. and sea level standard
ERA oY 4 (L 08 0080808000 800000008 08000880000000¢0

75¢ NRT s.f.c. at 592 f.p.s. and sea level
standard atmosphere ........cccieteiinrnrecanens

Maximum engine diameter .............. ... 0000,
Maximum nacelle height ..........c.ciiiiiiicnn
Maximum nacelle width .......... .o,
Engine length ..... . c0iiiitiiniennineeicnnncass
Nacelle length ....c.vvieieeieinnerenennnsnanns
Empty weight ....... .. 00 0000000000000
Fueli weight ....... ittt iiiiieiiiiiieeenenes
A6l 060 000000000000000000000000CC0000G00000C
Crewand 01l ....ciiiiiiineneeernnnnnnnsnnnnnas

1.256 lehI‘.

1b. thrust

1.4k —b/br.

1b. thrust

25.25 inches
57.00 inches

30.0 inches
47.97 inches
€68.3 inches

z4,700 pounds
12,924 pounds
24,000 pounds

480 pounds

A three-blade, six-engine (over-under) crane configuration can be con-
sidered by using the optimum tip speed during cruise and using the sams
component weight basis as was used for the four-blade, over-under ver-

sion.

A threerblade crane configuration will meet the mission and

hover requirements with an 1l.4-percent growth in the CAE engine thrust.
This solution occurs at the following values of the design parameters

and engine description:

Design gross weight, WC
Hover tip speed at centerline of outbosard
engine, V.

ooooooooooooooooooooooooooooooooooo

Chord length, ¢ ..........c..... 9660080000000 00
Rotor radius to centeriine of outboard
engine, R ...ttt iiiiiiniiininnannnens

Rotor tip environment ............c. i
Design mean 1ift coefficient, CLro ............
Cruise tip speed, VTV .........................
Optimum tip speed .......civiieeverenree cueens
Number of blades, b ....cvveeieinennconnanns .-
Number of engines, n
Engine arrangement .........cci0iiiieiiieaanens

Solidity, 0 ....... e ..
Total engine rated thrust, FR
Rated thrust per engine, FR/ne .................

Net thrust, F,, available per engine at sea
level standard atmosphere and 650 f.p.s.

Net thrust, Fy, available per engine at
6,000 feet, 95°F., standard hot day, and
6% fop.s. ® 9 0 0 2 0 0 2 P PO O P SO OO PO PO NS ST S

€4,250 pounds

€50 feet per second
6.5 feet

55.83 feet

235e

405

€39 feet per second
560 feet per second

3
6

over-under at each
tip

11

11,406 pounds
1,900 pounds

1,730 pounds

1,195 pounds




MRT s.f.c. at 590 f.p.s. and sea level standard ., __.lEZ-}-E——-

at;osphere ..................................... 1 EHE 15 torust
5% NRP s.f.c. at 590 f.p.s. and sea level .
standard atmosphere ....? ....................... 1.414 -£91¥£--;
1b. thrust
Maximum engine diameter ........ 006 000000000000C 30.00 inches
Maximum nacelle height .............civeene... 25.25 inches
Meximum nacelle width ........... 00000006 00000C 57.00 inches
Fngine length .....vvviinunnrnennenrcnnnensnenas 47.97 inches
Racelle length ....vvvvvevernnenneecas e €8.3 1inches
Bxpty weight .....oiiiiiinniininnnnnns Crereeaane 28,114 pounds
Fuel weight ............ et eb et 11,676 pounds
Payload ........ 00000000 00060006005000 00600005000 2k ,000 pounds
Crew and oil ....... e eeereeaet et Lé0 pounds

The weight breakdowns for the above .our-blade and three-blade versions
with the proposed hardware engine are given in Table 3.

TABLE 1

L4 8 0-U 282 .10 5.0 .980 1.00 .967 L.50
3 é 0-U 282 .10 5.0 980 1.00 .956 4.%0
L4 8 S-S 279 .15 3.25 .94 .96 967 2.25
3 6 S-S 279 15 3.25 .94 96 956 2.25
L L S 26k 12 3.85 .96 1.00 967 L4.00
3 3 S 264 12 3.85 .96 1.00 956 4.00
2 2 3 26k .12 3,85 .93 1.00 930  L4.00

- —— - —_ e sy—-
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: 8 = One engive per blade.
58 = B8ide by side wounting of two engines per blade.
O0-U = Over-under mounting of two engines per bdblade.
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2.0 CONCLUSIONS

2.1 Structural and Dynamic Limitatiors

2.1.1 Static Droop Limiting Blade Aspect Ratio

The optimization of the rotor system occurred at rotcr radii of less
than 56 feet with chords equal to or greater than €.5 feet in all cases.
This resulted in blade aspect ratios, R/c, of less than 8.€2. The
pseudo blade weight, W. , which is used in determining the tip weight

to blade weight matio gan be obtained from the rotor group weight uy
using Equation (1).

' HRG = 500
v O (1)
The tip weight, W, is given by Equation (2):
W= M (2)
T b

wvhere W__ and W, the engine component weignt and the engine weight, re-
spectivgfy, are listed in Table 3.

The maximum tip to blade weight ratio for the 56-foot radiuc configura-
tions considered is 0.50. This ratio, combined with the rotor radius
(56 feet) and the maximum aspect ratio (8.€), gives a maximum static
droop of less than 33 inches by reference to Figure 27. No limits
have beer established for the maximum static droop, but this value is
well within reasonable limits.

2.1.2 In-Plane and Flapping Frequency Limiting Aspect Ratio

Since the rotor group weight was determined by the in-plane frequency
requirements as shown in Section 3.4.2, the aspect ratic for each solu-
tion obtuined is necessarily satisfactory.

The flapping frequency can be adjusted for each blade by material re-
distribution in the blade section, and, therefcre, is not considered to
be aspect ratio limiting as is discussed in Section 3.2.2.1.

2.2 QOptimum Configurations and Design Parameters

2.2.1 QOptimum Helicopter with Generalized Engines

Within the scope of this study, the optimum helicopter was found to be
one having the minimum number of blades and the minimum number of engines.

For the same rotor configuration and engine arrangement, the creane fuse-
lage with external cargo was found to result in a lower gross weight




than the transport fuselage with internal cargo. This means that the
weight of the additional fuel required by drag of the crane fuselage and
the external cargo was less than the increased fuselage weight of the
transport fuselage. The weights of the transport and crane fuselages
are given by Equations (80) and (81); Section 1.3 lists the values of
equivalent drag area. The minimum number of engines (single engine per
biade) was found to have a lower gross weight than an equivalent side-
by-side configuration. PReducing the number of engines reduces the

inlet area (A1) required for a given thrust and the nacelle drag. This
results in reduced fuel required and a reduction in gross weight.

Since the two-blade rotor was found to be unsatisfactory btecause of
insufficient control power, the optimum heiicopter contiguration is:

Three blades
One engine per blade
Crane-type fuselage

The values of the design parameters for this configuration are given
in Teble 2 and in Section 1.k.1.

2.2.2 Optimum Parameters for Particular Configurations

A comparison of minimum gross weights for the different configurations
studied is shown in Figure 2. In all cases the gross weights increase
with the following ascending order »f engine arrangements:

a) Single engine per blade - lovest gross weight.

b) Side-by-side engine arrangement - two engines per blade.

c) Over-under engine arrangement - two engines per blade - highest
gross weight.

2.2.3 Optimum Helicopter with CAE 357-1 Engine

With the present limit on the rotor tip centrifugal force environment
of 235g, a rotor having three blades, a 55. 6- foot radius, over-under

engines, and crene-type fuselage is the optimum configuration for use
with the 11.8-percent increased thrust (1,900-pound) CAE 357-1 engine.

A complete listing of the design parameters for this helicopter is given

in Section 1.4.2. The empty weight breakdown is given in Table ~.

A four-blade rotor is necessary to meet the mission fuel requirements
and the 6,000-foot, 95°F. hover requirement with the 1,700-pound rated
thrust CAE 357-1 engine The method of analysis of this four-blace
rotor helicopter with eignt CAE 357-1.1,700-pound rated thrust engines
is discussed in Section 4.2. A complete listing of the design para-
meters is given in Section 1.h4.

\ |




2.3 Nonoptimum and Nonlimited Configurations

2.5.1 Weight Pemnalties

According to the generalized engine parametric study, the optimum con-
figuration is three blades and three engines with a crane-type fuselage.
The following penalties result from using =ngine arrangements other
than the optimun, depending on the number of blades and the condition
being considered.

Single engine per blade .......ccvicvvvencccncans nc weight penmalty
Side-by-side engine arrangement ................. 1,900 to 3,400 pounds
Over-under engine arrangement ............c.o...... 3,080 to 4,800 pounds

The greatest percentage of the penalty is fuel weight since the primary
effect of usirg the nonoptimum configurations is to increase the nacelle
drag {see Section 2.2.1). It is also possible to observe the differ-
ences in the use of the nonoptimum number of blades (Figure 2) and to
determine the range of these values from Table 2 as follows:

TWO Dlades ...covuvvennnnnnnnnnncnnnnns 3,0C0- to €,i00-pound decrease
Three blades ......ccveeiieiieeeecennnns No weight peralty
Four blades .......coceevevnenccnnaannen 3,700- to 7,850-pound penalty

The weight penalties for more blades than optimum are compounded from
fuel weight for the additional drag of the blade profile and the nacelle
and the weight of the additional blade.

Use of the transport fuselage with intermal cargo results in a weight
penalty (as discussed in Section 2.2.1) as follows:

Crane-type fuselage .......... pooboooOoOC No weight penalty
Transport-type fuselage ......... 5500000 1,000- to 1,700-pouné penalty

2.3.2 Increasing the Load Factor Limitations

A plot of the weight saving versus 'n’, the rotor t.p environment, is
shown in Figure 4 for the three-blade, single-engine-per-blade crane
and in Figure 5 for “he four-blade over-under eng-ne crane.

Figure 4 shows that gross weight decreases with increasing n to Lf0g
where the advancing blade compressibility cut-off occurs. A large por-
tion of the gross weight reduction could be obtained if the 235g limit
were increased to 300g; at this point the rotor radius would be approxi-
mately 43 feet. However, this radius is somewhat below the limit set
for the validity of the rotor group weight equation, Equation (93).
Thus, before any decision regarding a program of increasing the load
factor limit of the engine is undertaken, the blade weight equation
must be verified for the smaller radius.
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2.3.3 Changing Rotor Lift Coefficient and/or Tip Speed Ranges

It does not appear that chenging the upper limit of the design rotor
mean 1ift coefficient, Cip,» range would be of any benefit since only
smll reductions in gross weight coulu be obtained above a Cr,. of 0.50
vhich is the waximum value considered acceptable. For the thrée-blade
configurations the optimum design rotor mean 1lift coefficients all occur
between .375 and .50. Reducing the lower limit on the hover tip speed
to 598 feet per second would realize a reduction of 5,1&00 pounds for
the optimum three-blade, three-engine configuration. A lower limit on
the tip speed of 565 feet per second would be necessary to take maximum
benefit of the weight reduction indicated for the four-blade configura-
tions at the 235g limit.

Increasing the upper limit on tip speed would not appear to be desirable
since the rotor is presently limited to 743 feet per second tip speed
by advancing blade compressibility at 125 miles per hour. However, in-
crea.singothe hover tip speed would allow the hover requirement at €,000
feet, 95 F. to be met with a smaller engine for a given rotor radius,
but, to meet the meximm speed requirement, the tip speed would have

to be reduced to 743 feet per second or less.

An increase in tip speed results in a reduction in the C at which the
minimum gross weight occurs { for a typical case, see Figur® 36).

2.4 Total Fuel Weight Reduction at Optimum Design for Each Configura-
tion Availsble by Tip Speed Reduction

The fuel savings obtained by the use of the cruise tip speeds and the
optimum tip speeds for the outbound and inbound portions of the mission
are summrized in Table 4.

The cruise tip speed is obtained by iterating the fuel flow rate equa-
tion, Equation (47), until the fuel flow is more than 150 pounds per
hour greater than that obtained with the optimum tip speed for the out-
bound condition. The iterations are performed in increments of 25 feet
per second above the optimum tip speed found withr Equation (53). The
optimum tip speed, as shown in 7able h, was determined for the outbound
condition and for the inbound condition using the total weights at the
beginning of each of these portions of the mission. No problems with
any of the optimum configurations listed in Table % , wue to rotor limi-
tations, would be encountered except possibly the two-blade configura-

16




tion at 7h3 feet per second tip speed. In this case, where the design

mean lift coefficient is .5, any tip speed reduction would result in a

CLr in excess of t'.e presently accepted mximum value for CLr of 0.50.
o

Tip speed reduction results in a negligitle fuel reduction for all con-
figurations of condition (b), Table 4. However, from 405 to 1,461
pounds of fuel can be saved by using the optimum tip speed with the
three- and four-blade configurations of condition (a). Also, appreci-
able fuel savings can be effected for some of the three- and four-tlade
configurations of condition (c).

It would be desirable to use optimum tip speed instead of cruise tip
speed in any future studies in order to take maximum advantage of fuel
weight reduction.

2.5 Increment in Structural Weight Required bv Increments in Engine
Weight or Engine Mount Weight

Differentiation of the rotor group weight, Equation (93), with respect
to tip weight WT produces the following relationship:

Mps _ .648b(.059162 - .01365ke +.000966¢2) RS2 (3)
W

.6l
T WT

With W, = 1,200 pounds, ¢ 6.5 feet, and R = 55.83

ath = 1.05b pounds

5WT ' pound of tip weight at exch blade
Differentiation of Equation (79) for the pylon weight gives

.

PY _ 35k
—awRG = .oohé(wRG) ; ()

then with W, = 16,000 pounds,

PY _ pounds
S - W3 Tound of tip weight (5)

Then the structural weight added by one pound of tip weight at each blade
is
1.22b pounds
pound of tip weight at each blade

2.6 Chord for Minimum Fotor Group Weight

Differentiation of Equation (93) for the rotor group weight shows that
the chord for minimum rotor group weight is 7.02 feet.

17
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2.7 In-Flight Engine Shut-Down for Reduced Fuel Consumption

Fartial differentiation of the fuel flow rate (Equation 47), with re-
spect to MRTHP..., shows for the case of the present hardware design
(eight CAE 357-1 engines) that, with no increase in the required power
(no engine cold drag), a 229-pound-per-hour reduction in fucl flow rate
can be obtained for each engine shut-down. Partial differentiation of/
Equation (47), with respect to Bhp and use of the cold drag of 3 pounds
per engine at 592 feet per second tip speed, shows that the resuitant
net decrease in fuel flow rate is 133 pounds per hour. This means that
a better than 3-percent reduction in fuel consumption can be obtained by
engine shut-down without provisions for fsiring the engine to reduce cold
drag.

Although the effect of engine shut-down is not included in the parametric
study as it requires provisions for in-flight light-off and must be done
so as to maintain thrust balance, it is recommended that it be consid-
ered for the Model 1108 configuration where no thrust imbalance results
since less than half the available power is required during the cruise
portions of the mission.

Engine shut-down must be symmetrical to avoid one-per-revolution shake
due to thrust imbalance; it would not be practical to shut down engines
for the three-blade, single-engine-per-blade configuration unless a
method of automatically balancing the rotor was incorporated (i.e.,
shift the c.g. of the rotor system to lead the dead engine by 9P degrees
and by an amount such that the centrifugal force of the shifted c.g.
cancels the thrust imbalance).

2.8 validity of Solutions

The solutions obtained for configurations whose blade radii are less

than 45 feet are too far beyond the range of the rotor group weight equa-
tion (see Section 3.4.2.3) and are considered questiorable. Static droop
skin buckling might determine the rotor group weight for these configur-
ations rather than chordwise frequency, and the design gross weight

would be higher than shown in Table 2.

Before any serious program to increase the load factor limitations of

the engine is undertaken, it would be wise to investigate the rotor
group weight with expected tip weights and for radii of 38 to 45 feet.
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TABLE &

CRUISE TI1P SFEED, OPTIMJM TIF SPEEDS

AND FUEL SAVINGS FOR COFPTIMCM CONFIGURATIONS
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Condition Config. Cruise ; Fuel SRETET U e \'/
vT SaveQ Qutbound | Inbound Svie g
(1v.) (1b.) -
(a) b, 5, C Voy 0 €39 €25 88 €52
n = 255€. 3b, s, Cc| 6k 49 592 571 bos | 650
Hover tip L
speed = 650 | 3b,8-8,C | 6hl £5 591 569 Leh | 650
fps (minimum § 3b,0-U,C €22 2Lks 57z 555 711 €50
:llowidlbg) v, s, C €13 311 563 533 711 €50
ect.1.1.3). :
Chord is min. Ly, s-s,C £15 351 565 534 8€s €50
for minimum | 4¥b,0-U,C 56k 968 539 513 1317 €50
gross weight.| Lv 0-U,T 557 | 1073 532 500 1461 650
(b): 2b, S, C Vg 0 €39 €26 €8 €52
n = 235¢. 5 6
Chord ana |2 52 €| Vrm °1 Vm i ol B
hover tip 5b,88, € Vry Y Vg 591 2k €00
speed are 3b,0-U,C Vg 0 Viry 573 88 €00
optimum R
for minimum 5 85, C VTH . VTH VTH € 565
gross weight | 4,88, C | Vg Y Voy 567 11 | 570
kv,0-U,C Vi 0 Voy 553 L5 565
4b,0-U,T | Voy 0 | Viy 535 133 | 565
(c): 2b, 8, C| Vo 0 735 €87 88 | 713
n = optimum. 5 L L
Hover tip 3b, S, C Viy 721 645 19 43
speed = T43 3b,88, C VTH TO4 629 L2 T43
fps .t(ilhord 3b,0-U,C 740 15 €€5 €09 575 T43
= 0 mume.
(Nopload by, s, C Vg 0 709 611 | 322 743
factor limi-|Lb,85, C | Vi 0| 680 598 | 583 | 43
tation.
on.) 4b,0-U,c | 706 | 343 656 580 820 | U3
4,0-U,T | €79 | 505 629 553 [ 1159 | T43
Fuel saved = fuel at VT - fuel at V,m
C = crane
T = transport
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5.0 ANALYTICAL FRCCED.RE

3.1 Introduction

It is possibie to obtain an infinite number of sclations to meet a given
set of mission reguirements and perfcrmance specificaticns. Therefore,
it is desirable to obtain these solutions in an orderly fashion that
will enable the best solution to »e found {1 e.. minimum gross weignt

is generally accepted as the criterion for the optimum solutiom).

The wethod of obtaining solutions in the generalized engine parametric
study is known as the "R Method." A more conventional methocd of ot-
taining gross weight solutions is the Ry methoa, where RF represents tne
ratio of fuel weight to gross weight. The Ry method was rot used be-
cause the curves did not lend themseives readily to computer soiution

in the generalized engine parametric study. R, represents the ratio of
the fuel weight and payload or the useful load tc the gross weighkt  The
R method consists of determining the availeble for a set of values
o? the variable design parameters by using thc weight relationships at
three or more gross weights; the required is determined by using ap-
plicable performance equations and the mission requirements at these
gross weights. R available ard R required are expressed as functions
of gross weight; the intersection of these two functions is the lowest
gross weight that will allow sufficient fuel for the mission requirements
with the given set of parameter valiues. This procedure is repeated with
different values of each of the indepsndently variable design parameters.

For the purposes of the generalized engine study, the design mean 1ift
coefficient was determined at the solution gross weight for each set of
the variable design parameters. A plot was then made of these solution
design mean 1lift coefficients versus the solution gross weights.

By connecting points of constant hover tip speed and points of constant
load factor, lines of constant tip speed and load factor were established
(see Figure 36). Computation of the engine rated thrust to gross weight
ratio at each of these solution points and crossplotting provided lines
of constant engine rated thrust/gross weight ratio. The rotor limita-
tions (i.e., stall and compressibility) were also determined and plotted
on the same sheet. These calculations were repeated and plotted on a
different sheet for each selected chord length of a particular configur-
ation (number of blader and engine arrangement). From an overiay plot
at the different chord lengths for a particular configuration (see Fig-
ure 32) a line tangent to the “ines of constant Vo, at a particular load
factor could be established. This envelope line determined the minimum
gross weight and chord within the rotor limitations. To find the mini-
mum gross weight obtainable in each configuration without load factor
limitations, it is noted that in each of the constant chord plots (Fig-
ure 36), increasing tip speed results in decreasing W, minimim  However,
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the advancing tlade drag divergence iimits the maximum aiiowatle tip
speed. Theretore, the wtsolute minimam gross weight isc determined using
the compressibility iimit lire assuming zero angle of attack for the
advancing btlade. This establishes a solution limit line for each chord.
An envelope of these solution iimit lines is tren estatlished on an over-
lay buildup of these lines for all the chords considered in the config-
uration (see Figure 35). It should be noted that the lines of constant
engine rated thrust/gross weight ratio (4.) can be used to establish a
solution line for a particular rated thrust engine having characteris-
tics similar to the CAE 357-1 engine {see Figures 32 and 36!. Care

must be taken in interpreting the meaning of a constant rated thrust
solution line since it is predicated on the requirement that hover at
6,000 feet and 95°F. bte met with no excess power. It is, of course,
possible that a particular engine being considered may have more power
than necessary to satisfy the hover requirement at the optimum solution
point for the engine. If the minimum gross weight of the rated thrust
solution line occurs at less than the cho for minimum gross weight,
then the configuration and gross weight defined by this point is the
optimum for the engine associated with this rated thrust (see the Fh =
14,320 line in Figure 32).

3.2 Preliminary Structural and Dynamic Analysis

5.2.1 Rotor Blade Aspect Ratio Limitation as Influenced by Static Droop

3.2.1.1 Static Droop Requirements

There are no established criteria to limic the permissible static droop
of rotor blades, but there are at least two requirements which should be
met for personnel safety arnd structural clearance:

a) Coubining static droop and maximum rotor teetering angle, the
lowest point on the rotor blade should be far enough above the
ground to avoid striking a person standing upright on the ground.

b) Combining static droop and maximum rotor teetering angle, the
rotor blade should not interfere with any other structural part
of the helicopter (tail boom, tail rotor, etec.).

The fuselage geometry for the Hiller Model 1108 has not been established
as yet so the static droop is held variable in this study.

3.2.1.2 1Idealized Airfoil Section

It is obvious that the airfoil section which gives an optimum stif.mess/
veight ratio in the chordwise direction will not yield optimum stiffness/
weight ratio in the flapwise direction, and vice versa. It is also ob-
vious that the airfoil thickness ratio (depth) is very important in the
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flapwise direction but of little consequence chordwise. Keeping these
facts in mind, the airfoil thickness ratio is set at 15 percent and the
following unbalanced shell airfoil wiil be used to determine a realistic
stiffness/weight ratio in the flapwise direction.

Figure €. Idealized Airfoil Section.

I =0.0063htc

XX

w = 2.055 tep
EI _ 0.00634tc°T _ 2, E
w  2.055tcp 0.00309¢" ( p)

Most materials uged in airecraft construction possess E/p ratios of
approximately 10~.

El ~

Therefore, == 309,00002 (€)

This same flapwiss stiffness/weight ratio ‘or the Hiller UH-12L rotor
blade is 210,000¢“ which shows that Equation (6) is realistic and yet
can be considered a design goal.

3.2.1.3 General Static Droop Equation

Preliminary investigations of anticipated rotor blade properties reveal
only slight mass and stiffness tapers are achievable for rotor blades
supporting large tip weights. Therefore, the following development is
dene for rotor blades with uniform mass and stiffness distributions.

Conszider the following cantilever beam:

W
B

 EEEERERERR!

R

SONOANNNNN N

4 w‘I‘

Figure 7. Stetic Droop Cantilever Beam.
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WTR5 WBR_j WBRh [ 8 ( WT) ]

e}

(7 (7

Substituting Equation (€) into Equation (7) and making use of the rela-
tions aspect ratio (AR) = R/C and w = WB/R yields:

2,12 w
- EOR |, .8 _T)
S ip = 2,572,000 [l * 3(w ]

B
b 1/2
. AR = X2(e|____tip / (8)

ti
W
>+ 3(7)
B

rotor radius, inches

= = T+t = —
tip = 3BT = BET _ BET |1

where: R

8tip

wT/wB = tip weight/blade weight ratio

tip deflection, inches

|

Figure 27 presents curves of allowable aspect ratio versus static droop
(atip) for two values of tip weight ratio, namely O.4t and 0.5. These

values of tip weight ratio are in the range expected for a four-bladed,
rotor having two Continental 357-1 turbojet engines mourted on each
tip.

3.2.2 Rotor Blade Aspect Ratio Limitation As Influenced by Blade Fre-
quency Requirements

3.2.2.1 Rotor Blade Frequency Requirements

Flapwise (out-of-plane): - It is difficult to specify a criteria for
flapwise frequencies of a teetering rotcr except to require that these
frequencies not coincide with those integer multiples of rotor speed
which will trarsmit forces to the suspended mass (quelage). It is
convenient, therefore, to design the rotor blade for other criteria
and then alter the flapwise design tc avoid critical resonances.

Chordwise (in-plane): - In order to avoid ground resonarce, the first
in-plane rotating natural frequency of the rotor blades is designed to
be 30 percent above nominal rotor speed. Additional benefits which are
gained by this design requirement (flutter avoidance, reduced chordwise
stresses, reduced deflections with engine out, etc.) overshadow the only
obvious disadvantage which is additional rotor blade weight. In-plane
frequencies higher than the flrst are designed so as not to coincide
with integers of rotor speed.
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Pitching (Torsion): - The first torsional natural frequency (including
control spring) is desired to be as high as possible for avoidance of
flutter. Since torsioral frequency is as much a function of control
system stiffness as it is blade properties, no specific requirement is
set for the blade alone.

3.2.2.2 ldealized Airfoil Section

The lightest weight rotor group is obtained by designing the rotor blades
to have the highest possible ratio of chordwise stiffness (EI) to running
weight while maintaining chordwise frequency and mass balance require-
‘ments. One configuretion which gives low weight combined with a nearly
optimum stiffness/running weight ratio is the following shell airfcii
balanced at the quarter chord.

—t

|
A
|

=

i c =

Figure 8. Idealized Airfoil Section

I = .3029tc3 + .1_'L67tc3 = .u196tc3

ZZ

w = 2.055tdp + 2.20Ttep = 4.262tcp

EI _ 386(.b196)teE .o 2 (E
m L.262tdp = 38 (p)

Most materials used in aircraft construction possess E/p ratios of
approximately 108,

Therefore,

%—f— T 3800¢ x 10° (balanced shell) (9)

In order to determine that Equation (9) is indeed an optimum stiffness/
mass ratio in the chordwise directicn, the same parameter is presented
below for the Hiller UH-12L rotor blade.

El. 6 (

Ex= 2u00c® x 10° (Htller U-12L) (10)
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3.2.2.3 General Frequency Eauation

The symbols and information presented in Reference 1 are used here for
the development of a general expression for the first chordwise (in-
plane) rotating natural frequency of a teetering rotor blade with large
tip weight/blade weight ratios.

2 2 2
= + Q
In general, QRl QNRl K (11)
where: QRl = first rotating natural frequency
QNRl = first nonrotating natural frequency

Southwell coefficient

ae
L}

o]
it

rotor angular velocity, rad/sec.

Preliminary investigations of anticipated rotor blade properties reveal
only slight mass and stiffness tapers are achievable for rotor blades
supporting large tip weights. The following development, therefore,

is done for rotor blades with uniform mass and stiffness distritutions.

L
From Reference 1: 0 o ) el_ (EE)
NR, ;E_ m

and K =~0.2 (constant, regardless
of tip weight)

Also, by definition, Q= lQVT/R
vhere: 8f3 = Eigenvalue for first in-plane frequency

n

rotor radius, inches

n

Vo

The established criteria for the first in-plane rotating natural
frequency states that

rotor tip speed, ft/sec.

fp, 2 1.3% =15.6 V/R

Rewriting Equation (11) yields

eh
2_ 1 (EI
2114».56VT = ;2'—' (;1-) (12)

Substitution of Equations (9) and (10) into Equation (12) gives the
following formulas for maximum allowable rotor blade aspect ratio (AR =

R/C) for blades with optimum stiffness/mass ratios as well as blades
which resemble the Hiller UH-12L rotor blade in stiffness/mass ratio.
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8

AR = 4,208 v—l- (balanced shell) (13)
T
g2

AR = 3,345 v—l- (Hiller UH-12L) (1%)
T

The eigenvalues, 623, are plotted in Reference 1 as a function of tip
weight/blade weight ratio. The tip speeds which are of interest for
this study are 650, 700, and 750 feet per second, and so Figure 28
presents curves of allowable aspect ratio versus tip weight ratio for
the tip speeds noted here.

3.3 Aerodynamic Analysis

3.3.1 Formulation of Standard Performance Equations

5.3.1.1 Hover Equations

The rotor power required to hover OGE is

rhp, = ihp, + RHP, (15)
Since the tail rotor power is not a function of the main rotor power
and will probatly be supplied by an A.P.U., it can be neglected in de-
termining engine size. There will be accessories which will be driven
from the main rotor, and they will require a 1rixed amount of powe.
which is included in a fixed loss term, F.L.

The cooling air for the engines causes a thrust loss which is a function
of the required thrust. This loss is included in an efficiency factor,
T, which also includes the effect of engine inlet losses. Then, the
total brake horsepower required to hover ics written

ihp, + R:P, + F.L.
H _ﬂH (16)

Bth =

The induced hover horsepower is written

o 1.13W Po/ W \1/2
ihp, = \/— (17)
5 550B ,,/§po P (KRQ)

based on momentum theory and a triangular inflow distribution.
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The rotor radius R can be written

2
v
Iy
= (18
n252.25 (18)
Substituting for R and letting Py = .002378, Equation (17) tecomes
2 ¢
- .§h1n§W23/ o
p s > (19)
BVqy,

The rotor blade profile horsepower required for hover based on blade
element theory and a constant angle of attack from element to element
(mean blade 1lift coefficient) is

bR* c(V )3 o

o - 2 2[5 * 8ty )|

_ A L R
or Rhpy,, = 1500 o (po) (V)" (B ) (20)
where VéH = gVTH and R' = gR

The engine nacelle prsfile horsepower in hover is

A o) P .\2
_ I <] "D _9o
FiPy = 550( 2)(5%) (Vgy) [6°I+621 (CLro p) ] (21)

where Voo =TV
Ty ‘e Ty
The total rotor profile horsepower in hover is

3
op(Vry)” <5mbAb§
o\ %

= + =
RHPy = Rhpyy * Rhpyy, = =775

+ 5m1AITe§> (22)

The blade area can be written

A = onR g (23)
and now
o . 6Cr, i 6w -
Lro 33 o] cnREQOVTﬁ B}

See also Equation (98).
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Combining Equations (23) and (2k),
L

.2524 x 10 ch
fp = B5ch°(VT:) (=)
Substituting for R from Equation (18) in Equation (23),
3034 x 16720 VT: g
Ay = 2 (26)

n

Solidity, o, the ratio of blade area to rotor disc area, can be wiitten
for a constant chord blade,

bcR _ be
> = R (27)
nR

0"—'

3.5.1.2 Formulation of Required Rated Thrust Equation

FR 2
- = 1hh(17.h)(DI) - 1,666 (28)
e
A, F/n +1,666
Then, AIe = ;; = %190
FR
o A, = + . 2
r I =319 522n (29)
The net thrust, FN’ for a tip~mounted thrust engine is
N VTHTe

From CAE curve number 58&6&, Figure 12a, showing F. versus true flight

speed at 6,000 feet, 95 F., a curve of F_ as percent F, is plotted ver-
N R

sus tip speed, Figure 12b.

For the range of tip speeds between €00 and 850 feet per second, this
can be represented by the linear relationship

e (o (o o

Substituting the right side of Equation (31) for the left side of Equa-
tion (30) and alec ueing Equation (16) with Equation (19), Equation (22),
Equation (25) and Equation (29), the following expression is obtained:
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2 2 -2
1.57rC (Vo) Oy P10 1

FR 1l- T J-
< =
-11127 Vpy, 10 55

san(w P2 by g i’
o5 [,541,,(».(;) P , 2524 x 10 W, € obmy, oV . -522nVy Y o0my . F.L.J
T

13(v._rg)31re P revaiﬁ CLyy 4,400 XX 8 T V1y

; o)
.1112 x 10 TeVTn *+ 55 (32)

where p is for 6,000 feet at 95°F.

Combining Equations (24) and (18) and solving for VT}? ,
; ana 1/2
Vp? = 915 | ————~ (33)
o2 - 512 (—2-)
CLrOO 33

V.I\H3 and n can now be eliminated from the first term in the brackets,

Equation (32), and the equation can be solved for thrust lcading for p =
.00178 (6,000 feet, 95 F.).

377 x 102V CLp,®B 5620 x 102§h%bp

+

Y b)
F e YeB CLro
b = WB B 1 N ¥
¢ 7(.1112x10 T Vpy +55 - .2788 x 10 ¥ Vry %Ip
>
-1, 2.2 .550 x 10°F.L.
L6 x 10 oV T 5“‘10 + T ¥y -
- R 5
7(.1112 x207 ¥ Ve, + 55 - .2788x 1077y, Ong

3.3.1.3 Formulation of Forward Flight Equations

The induced horsepower in forward flight is
ihp, = ihp K (35)

where Ku is based on momentum considerations and is written
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(3€)

() ]

(g;) *

The hover-induced velocity, U.,, is based on momentum and energy theory
and uniform inflow velocity, and is written

W
Uy, =\| —5— (37)
i v 2nR°pB°

Using Equation (24), this can be written

CLI‘QOW
Uy = ( J) (38)
The rotor blade profile power in forward flight is written
Rhpyy = Rhpyp Koy (39)
where is a dissymmetry correction factor obtained by blade element
theory, Rnd is written
\ - \'i \
-1 e3( g () w0)
Ky o) *P\om (
The nacelle profile power in forward flight is written
Rh = Rh 41
Py, = Rhewy Kug (42)
where is a factor which includes the average induced yaw drag of

the xtegior of the nacelles and the dissymmetry effects on the profile
power of the nacelle and is written

2 B3, *a. b5 v v
. v 7B (v V1
Kuy = 1+(r VTv> [“( 26 )] " By (revw/ Z

The derivation of this expression is given in Section 6.1.

3.3.2 Formulation of Fuel Flow Rate Equation

The sea level standard day performence curve (Figure 13) for the CAE
357-1 engine was used to obtain a set of constant specific fuel consump-
tion curves with tip speed versus thrust horsepower (Figure 14). The
thrust horsepow.r is obtained from the net thrust and tip speed by the
equation,




VTF N

THP = ——— (L3)

Establishing the military rated thrust at 700 feet per sscond tip speed
as a reference and calculating the fuel flow rate as a function of ml]
tary rated thrust horsepower,

= 1.022 MRTHP

00 1b. per hour

MRy = tsfe(Fy) = 1.30(MRTHP
(L)

) 22
007 700

Fuel flows and thrust horsepower values were obtained for various engine
power settings and tip speeds. These data were referenced to the
MRTHf?OO and MRTHP7OO, respectively, to obtain the curve of Figure 15.

Fach of the lines of constant tip speed in Figure 1% can be approxi-
mated very closely by a straight line. The equations of these lines
are Getermined in the slope intercept form, i.e.,

MRTW = MRTHP +b L
The slopes, m, were plotted versus tip speed and a linear relationship
was used to represent them. The values of the slope determined by this
linear relationship are then used to determine an adjusted constant, b,
which is compatible with the points at 50% MRTHP7OO in Figure ib. “hese

constants, b, are also represented by a linear relationship with tip
speed, and this relationship along with the equation for the slope, when
substituted into Equation (45a), gives the expression

(%mwfm ) = -Vp,(1.158 x 107°) ($ MRTHP, + T35 x 1079

+1.724(% MRTHP700) *+Cy {45b)
_ __BHP
where q MRTHP. ) = ———mmm x 100% (45¢c)
and Cy = 14.03% in hover at V =0
Cy = 15.88% at V = €0 kts.
Cy = 18.40% at V = 100 kts.

The military rated thrust horsepower at TCO feet per second tip speed
can be related to rated thrust by the following equation:

MR'I'HP,(OO =] .1:581'"R (45d)

The constants C,, are determined by constructing Figure 1€ using Refer-
ence 2. Since the slopes remain essentially constent, it is necessary
only to adjust the constant, b, for the different forward flight condi-
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tions, and since the adjustment was assumed the same for all tip speeds,
the difference appears only in CV'

An integration of the fuel flow around a complete rotor cycle at (58
feet per second tip speed, 50 perceat cf MRT, and 125 miles per hour
and an integration of the sin ¢ ¥ 7, and the rotor ram drag showed tnat
the net rotor horsepower specific fi'el consumption increase above the
hover horsepower specific fuel consumption was 4C.8 perc-nt less than
that shown ty Reference 2.

However, the constants, C,, are those determined from Figure 16. This
allows scae margin for the non-steady-state conditions which could be
expected to cause an increase in fuel consumption.

3.3.3 Formulation of Fuel Weight and Ru Required

The fuel-weight-required equations are developed on a trapezoidal ele-
mental area basis with elemental area given by

daw

W = W (at) + % ('EEi ) At(At) (46)

where m is the slope of the top of the trapezoid which has a rectangular
Figure 9.

base (see cut).
N::;\\‘\\\\\\ [
Awf
1
Trapezoidal W

Element. dwf

At

The fuel weight required for a given portion of the mission is found by
employing the following equations:

(% MRTW¢., )
W = 100%@ x 1.026 MRTHP. (47)
aw -dW_ (a) (% MR'I'HP,!?OO)
at | A% MR'I'HP,?OOT x aw (W) (48)
for the slope, m, where
-dw p 1.02€¢ MRTHP,J,OO
d(m‘m'zoo) = (-1.7a% + .001158 VTV) 56 (%9)
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d($ MRTHP...) 81.15nK (W}/2
. 07 _ u
and T = = (50)
By, MRTHP.

At is the smail time increment used for which dWf/dt is assumed constant.

The term W represents the aircraft weight at the beginning of the portion
of the mission. The effects of the reduction in CLr and K, with weight
are neglected, which will allow a margin of conservatism to offset the
slightly optimistic effect of assuming dw /dt to te constant when actu-
ally it increases (i.e., becomes more hcrizontal as fuel is burned off).
If a portion of the mission was a long time interval, as for a ferry
mission, an increase in eccuracy would be necessary and could be ob-
tained by breaking up the total interval into several smaller intervals.
However, the intervals in the mission as described are small enough to
give good accuracy in the fuel weight determinations.

The fuel weight determined ior each interval is subtracted from the
weight at the beginning of the next interval, i.e.,

Wisg =Wy - Wpy - W, [

This weight is used in determining W_ and de/dt for this next interval
The weight at the beginning of the mfssion less the weight at the end
of the mission and the total payload difference gives the fuel weight
required to perform the mission, (WF)tot and

(WF)tot - (WF)tot

wFreq - reserve .900 (51)
l-
100;

since 10 percent of the initial fuel is required for reserve.

The Ru required is written

Rureq - W (52)

3,24 Cruise Tin Speed Determination

3.3.4.1 Equation for Cruise Tip Speed at Minimum Fuel Flow

A turbojet engine has a fuel consumption rate which is direectly =a
function of the thrust output; the lower the thrust, the lower the fuel
flow rate. Writing Equation (30) with Equation (16), omitting the

4
(V/VT) terms and adding a rotor ram drag term, then differentiating

with respect to VT gives the following expression:
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dF,

_ . 6 £s 3
T o) & (208 )

Vg, 5% (ihp, + php, + F.

. * rotor ram drag) -

2 2 ., b po( L e
Yy Oy Yoy (pg) 7T B2 * AT 027) i
i ) 55+ 3. I
2 Crg Vay Vo) [ﬁ' Ehyoay, * (1 ' —g"srl)‘*ﬂeﬁexj (53)
I

The real positive root of this expression set equal to zero is the tip
speed at minimum thrust or minimum fuel flow. The derivation of this
expression is given in the Appendix.

It cshould be mentioned that the rotor ram drag is not included in the
expression for Bhp since for purposes of fuel flow, it is more conven=
ient to include it in the CV term. The expression for rotor ram drag
horsepover is

Wa V2

1560 (52.2)(700) (MRTHPp,)  (5h)

and is obtained ty integrating over a complete rotor cycle, the drag
component of the radial force caused by the turning of the engine air
through the angle of yaw.

Rotor ram drag horsepower = %

Figure 10 shows graphically the factors involved in the optimum tip
speed determination.

Vo
i Cruise N
Resultent | v Vo,
L.Z// | Nopt N //,
rhp ihp +Php +Rrd e 1
quirements ' ; AJf = 150
: Lol 1b/hr.
| RHPy, . |25 {.p.s
| |
\
oy Vop
Figure 10. Optimum Tip Speed Figure 11. Cruise Tip Speed.
Determination.

3.3.4.2 Selection of Cruise Tip Speed

The optimum tip speed for the 60-knot ocutbound mission was determined.
The tip speed was then increased by increments of 25 feet per second,
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uatil a fuel flow rate (W.) of more than 150 pounds per hour greater than
the optimum was obtained. This tip speed or the hover tip speed, which-
ever is lower, was then selected as the cruise tip speed. See Figure 11
for a graphicel representation of the relationship between cruise tip
speed, optimum tip speed, and fuel flow rate (Wf).

3.3.5 Rotor Limit Equations

The retreating blade angle of attack, Ay 5 (in radians) is written

= + t 4+
Gy = ALy * AN+ Age (55)
The retreating blade is stall limited at o, = .209 radians (12°)
The advancing blade angle of attack in radians is writtien
= ! + ] 1] + 1
gy = Ap CI% AN+ Age (5€)

The drag divergent Mach number is given by

M, = .C00148 o - .00347 of - .00825 a + .829 (57)
where @ is in degrees.
The drag divergent speed is obtained by substituting @.. or &

in
degrees into Equation (57) and multiplying the result 39 the gzged of
sound. For sea level standard temperature:

In Equations (55) and (56), ¢ is the angle of twist in radians; for this
study It was taken as ¢ = -0.1745 radians = -10° and ¢ = -.279: radians

= -16°.

The above equations for the tip angle of attack of the advancing and
retreating blades are derived from blade element integrations of the
elemental thrust and flapwise moment equilibrium expressions.

Ap =197 + 488 + .986 7 (59)
A, = 561 + .894 + 2.008 ue (€0)
Ag = .280 - 066 + .82k uZ (61)
A] £ 197 - .510u + .328 u (62)
AL & 561 - 1106 +.488 52 (63)
Ay & 280 + .0b2% - .02k uZ (64)



The expression for A' is written

Uy *U +Uy Uy, UL YU

st o= L D - D__“A (65)

4

vwkere the numerator is the total inflow. The first temm U1 is written

U, =Ug K, (69)
vhere U, 1s given by Equation (37) and K, by Equation (36).

Integrating for the dissymmetry drag effects on the blade and nacelle
which require a certain tilting of the tip path plane, and thus an
additional inflow through the rotor, yields

.000595 A. V. _EBp V°
U, = :" 1 (67)
G
.001188AIvTre8mIv2
UN1= WG (68)

Integrating the drag component of the nacelle iifting force in the tip
path plane (i.e., the radial force due to the yaw angle of the nacelle
at its various azimuth positions) the expression for the average effect
on the inflow is

) .001188(%1- a %r )v5 )

UN2 =

Q‘-’

The fuselage drag causes an additional tilt of the rotor and an addi-
tional increment in the inflow which is written

.00 11881&1\:\15

U, = ——wa——— (70)

The rotor ram drag also increases the rotor tilt. This increment is
vritten

_ 1 .055FRV

A T BT, 000w, (72)

After calculating a drag divergent speed, it is checked against the
epeed existing at the blade tip which is written

V27o = VT -V ('72a)

or Vgo =Vp *tV ('72b)

~ ———— coo=—= - —_— e er——— - — - 5 e ————




3.4 Weight Equations

3.4.1 Statistical Weight Study

3.4.1.1 Introduction

The equations utilized ir this section are purely statistieal in origin
and have been derived as a result of research into group weight break-
downs of as miny types and members of helicopters as were readily avail-
able.

The spectrum of gross weights involved ranges from 1,080 pounds to
8h,OOO vpounds and presents a wide and liberal picture of helicopter com-
ponent weights. The method of derivetion used was to correlate pertin-
ent component weights with some exponential function of a major parz-
meter such as gross weight, horsepower, etc. and present the basic

equation in the form of: W_ = C(x)". The parameter "x" was then ex-
panded into its own variablés; e.g., assuming that "R" is the selected
parameter, then _ wG VTH
R=,/— or —
™ ng

This method enabled a parameter to be sensitive to design or philosophy
thanges over and above that of the basic parameter itself, and resulted
in a useful "tool" that could be used in "sizing" the concept.

For the purpose of the subject helicopter it may be seen that the upper
ranges of the resultant curves sre largely extrapolated to follow the
general trend. Inconsistencies do occur when considering a helicopter
of the current configuration; however, the sum of the vmlues derived
from the curves will prognosticate a close and reasonably reliable empty
weight.

To determine the reliability of the methods used in this study, actual
component weights of several helicopters were selected at random and
compared with the statistical weights derived from the equations. 1t
was found that the statistical weights varied within 5 percent of the
actual weights. It is postulated, therefore, that the extrapolation
of lovwer gross weight helicopter components will yield reasonably real-
istic weight predictions when applied to the tip powered concept.

3.4.1.2 Sources and Curve Fitting Methods

The weight breakdowns considered as a basis for the equations used in
this study are taken from the following aircraft:

Manufacturer Designation
Hiller K32
Hughes 269
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Manufgacturer Designation
Gyrodyne S5ha

De Havilland Skeeter
Bell H-13H
Bell =V(¢!
Hiller OH-5A
Riller UH-12E
Kaman H1K-1
Cessna CH-1
Republic Allouette
McDonnell 120
Vertol H2SA
Hiller 10l.2
Hiller 10L0
Sikorsky o
Vertol H21.
Sikorsky H34
Sikorsky H37
Vertol YHLEA
Sikorsky S-6haA
Hughes XH-17
Vertol YH1ER
Hughes XHo8

The component weights, taken from the above helicopter weight breakdowns,
were plotted against a selected major parameter; the resuitant scatter
was then represented by a reletionship or a line which satisfied the
requirements of the method of least squares. Higher ranges above the
area where the scatter terminated were assumed to follow the trend, and
the line was therefore extrapolated to include the gross weight range
under consideration.

3.4.1.3 Equations

Rotor Group - (WRG)

Blade and hub weights were plotted agaiust one or a combination of para-
meters in an attempt to satisfy a basic relationship. However, this
could not be achieved with sufficient definity to permit an extrapola-
tion to the higher gross weight ranges; therefore, it was considered
feasible to consider the entire rotor group ac & single weight function
and plot the available information ageinst one or a combination of para-
meters.

The most acceptable parameter that resulted from the scatter pattern was
the gross weight (WU) times rotor radius (R).
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The relatiorship resulting from this combination of parameters versu:
rotor group weight is as follows:

) 1.0k1k4 i
Wee = .ooelh(wG R) (73)

R may be expanded to give greater flexibility or usage in two ways.

1) R = ./WG/rrw

This value substituted into Equation (73) gives

W 1.56
- G \
Weg = .00118( % ) (74)
2
\'/
2) B=—k
€ 1.0414
Therefore W_, = 5.75 10-5<&> (v )2.0828 (75)
refor RG -2 X n Ty [
Stabilizer Weights - (wSTA)

Stabilizer weights for conventional helicopters are not easily identified
with basic parameters such as gross weight or rotor radius. In order to
present a scatter pattern that could be considered representative,

was decided to utilize two determining parameters such as V and LF
(fuselage length).

The stabilizer weights available were then plotted against LF times
Vmax for existing heliccpters; the resulting equation was:

- 2.
Wopy = 1:032 x 10 15 (Lp x Vo ) 523 (76)

Assuming that L_ = 14.4R, as appears to be reasonable when tip-driven
helicopters are considered, the equation can be written as:

. _ . -12 3.523

Wory = 12.4 x 10 (R x vmay)
But R =,/W /1w -

G W )1.761 x (V )5.525

The:refore, We., = 1.65 x e || S X } (17
A third variation may be occasioned by using the relationship R = o
Substituting T7.05 3.523

Wory *+ 7-45 x 1077 Uy Y (18)

STA ) no 0%
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Pylon - (WPY)

The pylon is the basic structure provided for rctor support, although in
most cases this componert is integral with the fuselage structure.

Available examples of identified pylon weights were best shown when
plotted against rotor group weight, and the relationship established
indicates:
= ap(y  y1-30b .
Woy = -0034(W: ) (79)

Body Group Weights

Deriving an equation for body group weights involved making three cate-
gories:

1) Helicopter fuselages designed for meximum utility, i.e.,
covered cabin, maximum: protecticn for crew and cargo, heavy
all-weather protection.

2) The average fuselage.

3) The skeletal or austerity fuselage, open-frame tyve, minimum
cabin protection, little or no cargo protection.

The fuselage weights considered represent all three of the above cate-
gories; therefore, fuselage weights were plotted against gross weight
only to result in an inconclusive scatter from which no relationship
could be satisfactorily deduced; therefure, it was decided to incorpor-
ate fuselage length with the gross weight.

The zombination of these two parameters enabled an average relationship
to be established that appeared to be a dividing line between categories
1) and 3).

The equations resulting from this combination of parameters is:

Category 1) Passenger-Cargo. W = .1268(LFWC)'59h

Category 2) Average Type. Woo = '1071(LT‘WG) :59H (80)
- 594

Category 3) Crane Type. W = .O9hh(LFWG)

In order to present as optimistic a prediction as the state of the art
would allow, the three relationships established were reexamined. It
was found that the fuselage of the S-6la, which is a crane-type vehicle,
fell below the crane-type average weight on the curve. The curve was
therefore shifted so as to pass through the S-€la fuselage point. The
resulting equation is:

ok

Vo = .0875(LH,) -2 (81)




vhere L = 1L .LR.

The fuselage length is taken as 1.2 times the rotor radius, but because
must ve in inches whereas k is given in feet, the substitution of LF

="14.4R is used.

A fuselage length of 1.2 times the radius is considered appropriate for
tip-driven helicopters.

Landing Gear - (WLG)

This function was plotted against gross weigut.

3 1.084
W = -0158(W;) (82)

Flight Controls - (wFC)

Flight controls were plotted against gross weight resulting in the re-
lationship:

_ .867

Woe = .1205(wG)

However, using the philosophy as outlined in the body group weight, a
low point on the curve was established and the following equation was

celculated to pass through the point:

_ .867
Wee = -0885(W,) (83)

Engine Components - (WEC)

The engine components considered in this study are as follows:

a) Inlet and exhaust

©) Engine fuel and oil supply components located in the nacelle
c) Engine controls

d) Engine nacelle

e) Engine mount and installation

It was determined that the statistical correlation of these points when
plotted separately as either engine weight or engine thrust against com-
ponent weight had little or no consistency to establish a trend; there-
fore, the components were added together and plotted against maximum
rated thrust. This relationship is expressed as follows:

. \-686
= R
Yoo = 1-73"(?) (84)
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£ngine Weights - (WENG)

Gas turbine engines of thrust ratings from 350 pounds to 17,000 pounds
were plotted using dry engine weights against maximum thrust ratines.
The relationship of this combination resulted in an expression relating
engine weight to maximum thrust as follows:

B .926
Weyg = -€309(Fp)

The engine under consideration is the CAE Model 357-1 and weighs approx-
imately 36C pounds. If this weight is inserted into the graph and a
line drawn parallel to the curve established by the above equation a
welght for a generalized engine is established and is expressed as fol-

lows: F .926
W, = .572n( i ) (85)
ENG ne

Ttie following componerts were evaluated by the relevant design groups,
and a list of required items for each group was detailed.

Instruments, a. = 296 1b.
Electrical system, WEL = 937 1b.
| Auxiliary power units, WAPUz 750 1b.
Electronics system, Wcomf 275 lb.
Accessory gearhox, WAGB= 200 1b.
Combined total weight, c = 2,438 1b.

Furnishings - (qu)

Furnishings weight was considered as a function of gross weight and is
related as follows:

B 660
Wy = -2L45(W;) (8€)

Tail Rotor - (WTR)

The weight origin of the equation for this function is comprised of two
helicopters, namely, the Hughes XH15 and XH28, as these represent tail
rotors for tip-driven helicopters.

Gear-driver tail rotors cannot be used as they are designed for torque
compensation and therefore represent a greater percent of the gross
weight. The plot of weight of the two examples againci their respective
gross weights, resulted in a relationship as follows:

_ 1.234
Woe = .ooos9(wG) (87)
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3.%.2 Rotor System Analytical Weight Study

It is difficult to correlate data specifically relating tc the main
rotor system of the Hiller Model 1108 tip turtojet helicopter since
there is an insufficient number of existing helicopters using teeter-
ing rotors with tip weight/blade weight ratios approaching 0.5. Rotor
blade design considerations for conventional helicop‘ers place equal
importance on static strength, fatigue strength, and location of natural
frequencies. For teetering rotors with ve:y large tip weight ratios,
the blade strength required to insure proper natural frequency values,
as well as eacceptable static Groop, renders bending, centrifugal and
fatigue stresses relatively unimportant.

Unable to draw on existing data, it is necessary to formulate a rotor
group weight equation which includes the same paremeters which affect
design frequenciec and :icilic droor. namely ro*or radinze. blade chord
and tip weight. It is of particular interest uc note tnat sucin z rotor
group can be designed with no reference to helicopter gross weight.

3.4.2.1 Rotor Blade Weight

The most important design criterion for the rotor blades is that they
possess chordwise (in-plane) bending stiffness sufficient to result in
a first chordwise rotating natural frequency of at least 1.3 times

rotor angular speed (). Preliminary design shows the specific rotor
blade weight decreases with increasing blade chord for a given chordwise
stifrness requirement. Figure 29 presents the results of this weight
study for two chordwise stiffnesses and two structural materials, steel
and titanium. The blades represented by these curves are NACA 0015 air-
foils which have sufficiently high flapwise stiffnesses to give accept-
able static droop.

It is immedisately obvious that unlimited use of titanium in the rotor
blades can reduce the weight of one blade by more than 500 pounds for
rotor radii in the 50- to 'fO-foot range. For this study, the rotor
blade is assumed to be made of titanium so that the state of the art
in rotor blad= design must be equalled or improved to meet target
weights.

Using the data presented in Figure 29 as running weight at the blade

root and considering a mild mass taper with radius, the following esti-
mates are made:

Woms.5/omg.5 = 1163

Wexg.0/Memg.5 = 1:0T0
e e ¥
ee[sa0-rem () 360 () [ @

b7

ey = e — o -




It can be seen that Equation (88) does not predict the trends of the
titanium curves of Figure 29 accurately due to the mess taper assumed.

It is necessary at this point to estatlish a basic blade weight through
which the final weight equation will pass. Preliminary design work in-
dicates that a rotor blade having the following properties can be built
whizh wil) satisfy frequency requirements.

Wh = 2,175 pourds per blade

R = 56 feet

c = 6.5 teet

W, = 1,200 pounds (tip weight)

For R = 56 fee! ind W, = 1,200 pounds, then Equation (38) can bz ex-
panded as follows:

2
2 e c c
g = [5.265 - 7.896 (375)-+3.635 (3?5) ]2,175
or Wy = 11,447 - 2,642¢ *'187c2 pounds per blade (89)

Equation (89) can be used to determine blade weight as long as R = 56
feet and W, = 1,200 pounds but must be altered further to include vary-
ing radius and tip weight.

If tip weight and blade chord are held constant, the methods of Refer-
ence 1 can be used to predict chordwise stiffness changes required for
various radii. Inspection of Figure 29 indicates distributed weight
changes which must be reintroduced into the frequency equations until
blade weight and chordwise stiffness are computible. Upon inereasing
rotor radius he combination of increased distributea weight coupled
with more radius over which this weight is distributed leads to rapidly
increasing blade weight with radius for constant chord and tip weight.
An analysis of this type results in the following data:

for R = 5€ feet, Wy = 2,175 pounds per blade

for R = €5 feet, Wy = 3,105 pounds per blade

assuming that blade weight varies as some power 'x' of rotor radius

(g%)x - 249 - 1128

where x = 2.39.

Multiplying Equation (89) by (R/56)2'59 results in the following blade

weight equation which still assumes WT = 1,200 pounds:

2.59
2 (R
Wy = (11,447 - 2,642¢ + 187c°) (53)
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or Wy = (.05916 - .01365¢ + .0009€6c2)R2‘59wTO‘56 pounds per
blade (91)
Limitations: 5.0 < c < 7.0 feet
50.0 <R < 70 feet
1,000 < WT < 2,000 pourds per blade

3.4.2.2 Rotor hub and 2lade Retention Weight

The rotor blade retention system and the hub which completes the rotor
group unit are more difficult to analyze concerning weight than is a
rotor blade, since there are several concepts of blade retertion, each
of which might bear no resemblance to any other. Prc¢liminary design in-
dicates that the blade retention design is governed by %the same criteria
which is usea for the blades as wvell as centrifugal force and bending
stress, namely first chordwise rotating natural frequency. Other com-
ponents in the hub/retention area, on the other hand, seem to be designed
to be independent of those parameters which intluence blade weight.

These components are functions of general roter size and remain un-
changed for the variation limitations of the parameters in Equation (91).

Weight analysis of two vastly different hub/retention designs has shown
that both result in blade retention weights which are approximately 80
percent as heavy as the blades which they retain (less tip weight).
These two designs also have in common about 500 pounds of material which
is indicative solely of the huge bearings, gimbal rings, etc., which
must be used. These findings, in fact, suggest the following weight
assumptions for the hub and blade retention systems.

W, = 500 1b. (total

T (tota (%)
Wy = o.8wB (1b. per blade)

W_ in this equation is defined by Equation (91).

B
3.4.2.3 Total Rotor Grour Weight

The total weight of the rotor group is obtained by adding Equations {91)
and (92). The blade weight and blade retention weight are presented per
blade in these equations and so are miltiplied by the number of blades,
b.

Wog = Wy *bWp T bW, = W 4 b(l.8WB)
Expanding: WRG =500 + 1.80(.0591€ - .01365¢ + .000966c2R2“39wT0’56
(93)
vhere: b = number of blades
¢ = blade chord, feet
R = rotor radius, feet
Wp = tip weight per blade, 1b. (W, 18 calculated using

Equation (2) meking sure that the result gives tip
weight per blade.)

L9
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Limitations: 5.0 < ¢c < 7.0 feet
N <R< T0 feet
1,000 <W_< 2,000 pouncs

[}
ES

The rotor group weight predicted by Equation (93) does not include tip
turbojet. engines, engine fairings (nacelles), engine mounts, or engine
control components, but is intended to include blade tip buildup to
vwhich the engine mounts and nacelles are atta~hed and all fuel and
engine control lines which pass through the blades.

talculating a check print, using Equation (93), for b = 4, ¢ = 6.5 feet,
R = 5€ feet, and WT'= 1,200 pounds gives

Weg =990 * 15,60 = 16,170 pounds

3.4.3 Formuiation of Fuel Weight Available and R, Available

The weight equations for the helicopter components were determined by
statistical studies (Section 3.4.1) and actual design studies (Section
3.4.2). TFor the purposes of speed in calculation, these equations are
divided into two groups:

a) Components with constant weight or weight which is only a func-
tion of gross weight.

b) Components whose weights are a function of other parameters
besides, but possibly including, gross weight.

The group a) weights are calculated for each of the three gross weights
used and stored permanently; it is then necessary to calculate only the
items in group b) when executing the program.

The sum of the component weights (excepting fuel tanks) plus the crew
and the payload, subtracted from the gross weight, gives the weight
available for fuel and tanks. Since the fuel tank weights are a direct
linear functicn of the fuel weight,

W, - [+ + W]

_"c i "P.L.
Favail = (1+ KF.T.) (94)
Then Wp W _
wc Ruavail
w oW, +W_ - W
¥ (2w, +¥, - K o ¥y o ] (95)

7.
(1 +%g ;)W




3.5 Determination of R, Solutions and Final Plots

After determination of available and required for the three succes-
sive gross weights, all other parameters reMeining fixed, the minimum
gross weight or Ru solution gross weight for this set of parameters is
determined by fitting parebolic expressions to che two sets of three
points.

These parabolas are of the general form
2
X = Ay +By +C (96)

The gross weight, W,, is substituted for x, and Ru is substituted for y.
The coefficients A,"B, and C can be determined by simultaneous solution
of the three equations obtainei by substituting the three R;'s and
their corresponding gross weights into Equation (96). Two equations of
W, = f(R)) are obtained, one for R, available and one for R, required.
Sgbtraction of the expressions for Rg available and Ru required results
in a quadratic expression which can be solved for y or Ru solution.

1 2_ et
R solution =y = =E *‘/(EA). hAC (97)

The choice of sign for use wit:- the radical in this expression can be
made by picking the smallest positive root given by Equation (97).

After determination of the R, solution, the W, solution is obtained by
substituting the value of R “solution for y 1% Equation (9€).

This value of WC solv.tion is used in the expression

833 x 106an2
Clry © > VTHZ (99)

To determine Cp,. solution, Equation (98) is obtained from Equation (2L)
using Equation f&B).

Then the engine thrust to weight ratio, ‘F solution, at this w& solu-
tion is determined from Equation (34).

The soluticn point is plotted on a curve of C versus W, as discussed
in the Introduction, Section 4.1 (see Figures © 30 and jﬁ).
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Net Thrust, Fy - Lb. x 107
'—J
i

Altitude 6000 feet; ambient temperature, 95°F.;
military rated compressor tip speed, 22,000 rpm.
(From CAE Curve No. 39464)

14 .

13

o

N

o
C

0 200 Loo 600 800
Tip speed, VTH - Knots

Figure 12a. Estimated Performance Characteriscics,
CAE Model 357-1 Turbojet Engine,
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Altitude - sea level

Engine speed
2000 | _ . RPM
22,000 MRP
1600
3 20,790 NRP
R oo
A 20,130
s '
]
1
5 800 19,140
o
=
17, 300
40O
- | 9500 (Idle)
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0 200 400 600 800
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Figure 13. 357-1 Estimated Performance Net Thrust
Versus Flight Speed
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4.0 OCOMPUTATION PROCEDURE

4.1 Generalized Engine Parametric Study

L.1.1 Outline of Method

Solution gross weights are determined for each value of n and hover tip
speed using the Ru method as described in Sections 3.1 and 3.5. The
fuel required at a selected value of n for a tip speed was determined
at each of three gross weights by the following procedure:

aj Determine radius - Equation (18)
b) Determine solidity - Equation (27)
c) Determine CLro - Equation (98)

d) Determine 4, and Fp - Equation (34)

e) Determine MRTHP and MRTWf?OO - Equations (44) and (45d)

T00
f) Calculate weight of fuel for the hover at start of mission -
Section 3.3.3.

g) Calculate cruise tip speed - Section 3.3.h4

h) Calculate weight of fuel for each of the remaining portions of
the mission and the total weight of fuel required - Section 3.3.3

The cruise tip speed is calculated as described in Section 3.3.4 for
use in determining the fuel weight required at each of the three gross
weights used to define the Ru functions.

The vaiue of the design mean lift coefficient, Cr . , and the rated
thrust to gross weight ratio was calculated fbr eafh solution gross
weight. After all the solution gross weights for the design wariables
have been calculated, these values are used to calculate points of con-
stant thrust to weight ratio as described in Section 4.1.3.

After each solution gross weight was determined, the A limit, A,

was calculated as explained in Section 4.4, and ‘the rotor blade l§m£ts
were determined by the procedure as explained in Section 4.3.

The advancing blade rotor limitswers established at T43-foot-per-second
tip speed by assuming that the blade twist "¢" necessary for zero angle
of attack of the advancing blade at the 125-mile-per-hour design maximum

speed is used.

Tl
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4.1.2 Tip Acceleration Limits

In order that all values of C. in the range specified in Section 1.1.%

are obtained within the gross wgight range given in that section, it is
necessary to consider the expression for n in terms of CLro and HG' By

revriting Equation (98) with (27) and (18), the following equation is
obtained:

) cho(B5)VTH!‘ cb
.818 x 105HG

n

(99)

Then, by appropriate substitutions of WG and CLro maximum and minimum,
the maximum and minimum values of n are determined. These values are
rounded in such a way that each value is an integer multiple of 25 plus
10 so that a point of 235g is obtained for each hover tip speed if 235
lies in the range.

The values of n maximum and n minimum must be determined each time the
tip speed is changed.

4.1.3 Establishment of Points of Constant Rated Thrust Loading, 4p

The solution values of and n were of a random nature; to obtain
even integers for plotting, the computer program used a parabolic curve
for interpolating to provide solutions for selected values of ‘F and n.
This is graphically illustrated by Figure 30.

CLro CLI‘O
solu- soluf Tip speed solu-
tion tion tion line
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!
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‘F solution WG solution

Figure 30. Solution AF, cho and WG Kelationships.
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Final plots are then constructed to determine the influence of design
parameters upon gross weight (see Figure 32). Figures 33 and 3% are
crossplots derived from Figure 32 to clearly define the relationships
betweer. tip speed, chord, and gross weight.

4.2 Method Used to Determine the Optimum Configuration for Use With
the CAE 357-1 Engine

The method used to determine the design parameters and configuration
for use with the CAE 357-1 engine was somewhat different from that
followed for the generalized engine parametric study. The primary
difference was that the rated thrust was constant for all solutions
and a cutoff line was used to eliminate those solutions which did not
have adequate thrust to satisfy the 6,000-foot pressure altitude, 95°F.
hover requirement.

Lines of constant tip acceleration (235g) were then constructed using
Equation (98) and the above values of tip speed. A tip acceleration
limit 1line could then be plotted by connecting intersection points for
each tip speed. Thus, any point on the n limit line (Cp. = .k2, W

78,850 pounds) will meet the cruise-mission requirements. o Equation
(98) shows that increasing the tip acceleration limit would move the
n limit line to lower gross weights and vice versa.

By equating the power required to hover at 6,000 feet, 95°F. to the
power available with eight (four blades with over-under engines) CAE
357-1 engines, lines of CLr versus W, were obtained for different
values of hover tip speed. © These lines intersect the constant tip
acceleration lines previously established, and connecting the common

tip speed points provides a rated thrust cutoff line. An intersection
or overlapping of the n limit line and the rated thrust cutoff line
provides complete mission capability with the thrust rating used to
construct the rated thrust cutoff line. Figure 3 shows that the par-
ticular configuration will not meet the complete mission requirement.

At the time Figure 3 was constructed, the rotor group weight equation
which had been used in the parametric analysis was under suspicion, and
preiiminary layout work indicated an increase in rotor group weight would
be required. Figure 5> was therefore constructed using & large increase
in rotor group weight to determine the effect on the choice of design
variables. Rotor group weight was found to have little effect on the
choice of design variables which confirmed the validity of the parametric
study. The 5-percent increase in rotor group weight determined to be re-
quired from detailed design layout studies was found to be within the
excess thrust capability of the configuration used in Figure 3 when
Equation (73) was used for rotor group weight.

Increasing the blade chord to £.5 feet was found to decrease the rotor
weight by 1,200 pounds; the increase in chord increased power required,
thereby decreasing thrust at 6,000 feet, 95°F. and increasing fuel flow.




The net effect i: a €00-pound decrease in weight. The configuration
seiected for the Model 1105 is one with a chord of 6.5 feet, a hover
tip speed of €50 feet per second, a rotor radius of 55.83 feet, four
blades, and two CAE 757-1 engines, one placed above the other at each
blade tip.

The Model 1108 was then checked for mission compliance. The fuel re-
quired for the mission was computed using the method outlined in Section
2.3.3 with the design parameters stated in the previous paragraph. The
empty weight was computed using the design layout rotor grouvp weight;
other weights were determined from the equations in Sections 3.k.1 and
the then current status of the fixed weight items.

4.5 pAerodynamic Rotor Limitations

The solutions obtained in this study have been checked for rotor limita-
tions at 125 wmiles per hour design maximum speed. Limitations applied
are as follows:

a) Retreating blade stall at a = 12°.

b) The retreating blade drag divergent Mach rumber versus angle of
attack is a straight line (MD = .9 - .03Léa).

c) Advancing blade tip Mach number = .829.

Condition c) is based on the assumption that the biade is twisted to
provide zero angie of attack on the advancing blade at the design max-
imum speed,

A tip speerd of T43 feet per second for sea level standard conditions
is obtained from Equation (57).

The retreating blade 1lim?is, cornditions a) and b), are determired for a
selected configuration at each of three gross weights by using a set of
three values of CLro separated by .10 in the equations of Bection 3.3.5.
The set is incremented by .10 until at least one of the limit conditions
are exceeded; parabolic expressions are fitted, and the intersection with
the limit is determined as in Figure (31). The intersection points at
each of the three gross weights are used to piot limit lines.

Two vaiues for blade twistoc were used, -10° and -16°. The limiting
values of CLro for ¢ = =10~ were less than .50 CLro at retreating blade
stall and in some cases for retreating blade drag divergence. The
values of CLro for drag divergence and stall were greater than .5 for

¢ = -16°. Since CL,, = -J vas set @s the maximum allowable, retreating
blade conditions are not a factor in determining any of the optimum
solutions.

Th
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Figure 31. Typical Retreating Blade Limit CLTQ Relationships.

4.4 Power Limits

The power limit for each configuration in the main parametric study is
determined by solving for a limiting value of AﬂE L. using the military
rated thrust.

TWRTHPYq, - (ihpy . * Bhpy  + F.L.)550
o ‘15 £ (l.l&67)5

o max ;
i '.)0

Arg.p. ~ (100)

PO

where

[ . 1.055 V2 (1.467)° | vy
MRTHPy = MXTEa00 L[l +(Vgy - 00) 7 560] 2(700)1,5€0 700
(101)

Solutions will be valid if the value of A, TE. L, is larger than A The

study shows that there arc no soiutions which are power limited at seg
level because of the large amount of power available as a result of the
€,000-foot, 95°F. hover requirement.
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6.0 APPENDIX

6.1 KPN Derivation

€.1.1 Tangential Force Effects from Forvard Velocity
\

D
#D"Dp~
W Nacelle Yaw Drag
Relationships
vhere:

D Nacelle precfile drag

D1 Nacelle induced drag

L  Lift on naceile due to yaw angle ¢

Ll Leeding tangential force with D1 = 0

L2 Radial force due to yaw 1lift of the nacelle

VR Resultant velocity

Remaining symbols defined in list of symbols.

D = D'cos g = D (for small ¢)

- 2 2 v 2
D =%Vy (Bop + 8, Cr + 8,0 6) A

VTD

PD = 5855

85
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V cos y

¢=VT+Vsinv (105)
For small values of ¢ , Vp=Vp+Vsiny (106)
Average pover for one revolution is written:
2n VTD
1
(PD)avs ¥ 2Zn o D90 ¥ (107)

Substituting Equations (105) and (106) into Equation (103) and the result-
ant in Bquation (107), we obtain:

AIV& 2n

1 2 ' V2 coaav
(PD)nvg.ﬁg_ﬁa A (VT+ V sin y) [bu+521 (VT+ dy

V sin vy)1

en
1 Q. - 2 ' 2
= 52[1100) VT pAIL [(V,r + 2\Tv siny + Vaain v)me+ baIvzcoa v]dv

= m]l_-m VTpAI“VTzv- 2VTV cos ¥+ Vz(- 11; sin 2y + -%)}bmI +

2n
551\!2(,1; sin 2y + % ) ]

o

- mthm Vp P "I‘ [(v,l?au- ol o v2“)°“1 * bélvz’(] " (2T V) l

3
\/
e e & [%I+§.%(am1+bél)] (108)
T

The small leading component of tangential force due to the difference
between the induced drag, Dy, of the nacelle and the leading force given
by

L, = 4L
can be neglected because of the relatively high induced drag and because
neglecting it is conservative.

The power required due to the forces tangential to the rotor acting on
the nacelle is written

2 1
Py, = RhnNHI:l + ,1;(“7’;) (1 " E-i-)] (109)

Dra{Force Effects from Radial Force

The radial force due to the angle g and the resultant "Lift" force of the
nacelle is written:

86




Lo £ Li=7,% -;» pvg Aald (110)

2 &
The component of this force in the V direction is then written:
2
oV. ¢
D, = ccs ¥ _Réi_ (111)

Substituting equations (104), (105) and (106) into equation (11l1) and
revriting
V cos

D, = cosv-g-Aiai (vT+v31nv)2 T Velng

L 7
or D = cos ¥ S'AIai(va cosy + Vzcos ¥y sin y) (112)

The power required at any instant or y angle to overcome this drag force
is:
\
PDL = 555 D, (113)

The average power required durin<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>