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FOREWORD

This report reviews the results of an investigation of hypersonic
flow separatiocn and control characteristics conducted by the Research
Department of Grumman Aircraft Engineering Corporation, Bethpage, New
York, The program was supported primarily under Contract AF33(616)-8130,
Alr Force Task 821962, Project 8219. The Air Force Project Engineers
were Messrs., Donald E. Hoak and Wilfred J. Klotzback of the Flight
Control Division of the Air Force Flight Dynamics Laboratory. The
laboratory, located at Wright-Patterson Air Force Base, Ohio, is part
of the Research and Technology Division of the Air Force Systems Command.

The authors wish to thank Messrs. Hoak and Klotzback for their
encouragement and guidance and thank Dr. Richard Oman, of the Grumman
Rerearch Department, for his many helpful discussions and consultations
throughout the course of the investigation described herein.




ABSTRMCT

Hypersonic flow separation sand its effects on control character-
istics were investigated analytically and experimentally. Included
are conclusions drawn from extensive test cata for hypersonic flows
over "basic" geometries and over “typical" iiight configurations with
aerodynamic controls,

The basic flow geometries discussed “uci de: separation on flat
plates ahead of ramps (flaps); flows over sharp expansion corners;
"breakaway" separation; and fin plate interactiocns. Force data and
limited pressure and heating rate distributions are presented for the
flight configurations for various trailing edge flap settings. As a
supplement to this work, available sources of pertinent hyperscnic
controls data are tabulated in the Appendix.

This technical report has been reviewed and is approved.

Colonel, USAF
Chisf, Flight Control Division

AF Flight Dynamics Laboratory
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The principal symbols used in this report are listed below.
All other auxiliary symbols are clarified by the context in which

LIST OF SYMBOLS

they are used.

Ca

t-t

axial force coefficient (see "Experimental Facilities...'
section for reference areas and lengths for all force and

moment coefficients)

rolling moment coefficient

pitching moment coefficient

vawirg moment ccefficient

normal force coefficlent

pressure coefficlent, C,= (p - n,/a,)

gside force coefficlent

reference length (planform virtual length of model)
free stream Mach number

pressure (psia)

free stream stati: pressure (psia)
aerodynamic heating rate (BTU/ft2 sec)

free stream dynamic pressure (psia)
Reynolds number based on Xx, Rex =P Up X/ 1t o
Reynolds number per foof, Ree/ft =p U/,
reference area (planform virtual arsa)

time (sec)

adiabatic wall temperature (°R)

wall temperature (°R)

free stream static temperature (°R)
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LIST OF SYMBOLS (Cont.)
free stream velocity (ft/sec)
streamwlise surface distance
nondimensional streamwise distance
spanwise distance outboard from centerline
nondimensional spanwise distance
distance normal to local surface
nondimensional vertical dilstance
angle of attack (degrees)
sideslip angle {degrees)
flap or ramp deflection angle (degrees)
free stream viscosity (slugs/ft sec)
expansion corner angle (degrees)

free stream density (slugs/ft3)

Subscripts (used with 3 )

L,R

lower
upper
lower

left

upper
left

refer to left and right flaps, respectively, of delta wing

body combination

refers to both lower surface flaps on pyramidal
configuration

refers to both upper (dihedral) surface flaps on
1yramidal configuration

vefers to left flap only on lower surface of pyramidal
configuration

refers only tc flap on left dihedral surface of
pyramidal configuration

. Increments (used with force data)

AC, = C - C

A AB#O A5=0
AN =C - C

m M40 Ty =0
AC, = C - C

N Nﬁ #0 Ns =0
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INTRODUCTION

Sudden and large changes in aercdynamic control characteristics
frequently result when the airflow separates from a surface. The
problem of flow separation, important for low speed flows, 1s even
more severe for hypersonic flows because of the latter's high energy
levels. Separated flows and thelr effects on control characteristics
must be understood with reference to the future design of controllable
hypersonic vehicles. This need led to the research investigation of
hypersonic flow separation and control characteristics described here-
in. A comprehensive literature search, conducted at the outset of the
investigation (Ref. 1), indicated a severe lack of hypersonic flow
control data. To help fill the void, the subject investigation was
principally experimental in nature, but includes some two dimensional
flow analyses. To provide maximum usefulness of the test results as
early as possible, they were presented without analyses in a series
of widely available data reports (Refs. 2 through 23). Thus, the
over-all program provides a broad base of experimental data required
for the future development of analytical methods for estimating sep-
aration effects and aerodynamic control characteristics in hypersonic
flows (s=z2e Fig. 1, page 23.

Pressure rises, due to trailing edge flaps for example, are prop-
agated through the boundary layer and can cause separation far upstream
of the flap. Depending on the severity
of the separation, reattachment may not
occur until the trailing edge of the flap
(see sketch). 1In this event the load due
to the gressure ahead of the flap may well
exceed that due to the flap surtace
pressures (which are reduced by the
blanketing separzted flow), thereby re-
ducing and possibly reversing the de-
sired moment. In addition to causing
rossibly drastic shifts in lovads, the high energy levels of hyper-
sonic flows can cause extremely high heating rates and pressures at
reattachment. Indeed, as shown herein, at reattachment the local
pressures and aerodynamic heating rates can be more than twice as
large as those at the stagnation points of blunt nosed entry config-
urations.

In hypersonic flows, pressure loads produced by compression sur-
faces are orders of magnitude larger than those produced by expansion
surfaces. Consequently, effective aerodynamic controls usualliy in-
volve compressions of the local stream flow (or oressure relief for

Manuscript released by authors in December 1964 for publication as an
R&TD Technical Report.
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Separated Flows Ahead of Ramps
Fore and aft flaps, 2nd plates
3 separate models:

1) Pressure and heat transfer, AEGC Tunnels
A&B, M=56&8, Refs. 5, 8, and 9.

2) Controlled wall temperature, pressure,
AEDC Tunnel B, M =~ §, Refs. 6 and 8.

3) Pressure and heat transfer, Grumman Shock
Tunnel, M =13 & 19, Ref. 7.

Clipped Delta, Blunt Leading Edge
Center body, T.E. flaps, drooped rose,
spoiler, tip fins
3 separate models:

1) Pressure and hect transfer, AEDC Tunnels
A&B,M=54&8, Refs. 9 and 12 through 15.

2) Pressure, AEDC Hotshot 2,
M = 19, Refs. 16 and 17.

3) Six component force, AEDC Tunnels
A&GR, M=5&8, Refs. 15 and 18.

Figure 1. Photographs of Models and Remarks for Over-All Program

Fin-Plate Interaction
Small and large fins with sharp
and blunt leading edges
2 separate models:

1) Pressure and heat trunsfer, AEDC Tunnels
A&B,M=56&8, Refs. 8 chrough 11,

2) Pressure and heat transier, Grumuan Shock
Tunnel, M = 13 & 19, Ref. 7.

Pyramidal, Blunt Leading Edge, Dihedral
T.E. flaps, canard, ventral fin \
3 separate modelsg: '

1) Prezsure and heat transfer, AEDC Tun.els
A&B, M=56&8, Refs. 9 and 19 through 21.

2) Pressure and heat trensfer, Grumman Shock
Tunnel, M = 21, Ref. 22.

3) Six component force, flap loads, AEDC
Tunnels A & B, M = 5 & &, Refs. 21 and 23.
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preloaded control surfaces). Therefore, shock-induced separation
ahead of compression surfaces is the most pertinent type for hyper-
sonic controls and has received most attention (Ref. 1); it is the
subject of the following two sections. Following these sections are
summaries of the resulcs of our investigations of flows over sharp
expansion corners, and shock-wave boundary-layer interactions due to
hypersonic flows past fins mounted on flat plates. The result¢s in-
clude conclusions drawn from a substantial amount of hypersonic test
data generated for the experimental portion of the investigation.
The experimental techniques used in obtailning the data are described
briefly and presented along with descriptions of the models.

In addition to pressure and heating rate distributions, force
and moment data and flap loadings were obtained on tw6d "typical"
hypersonic flight configurations with assorted aerodynamic control
surfaces (see Fig. 1). The data are used in describing the effects
of separatior on control characteristics and effectiveness. Litera-
ture sources of supplementary information on a wide variety of hyper-
sonic aerodynamic controls are llisted in the Appendix.
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BOUNDARY LAYER METHODS FOR SEPARATED FLOWS

Boundary layer separation is generally well known to be a result
of flow against a pressure gradient. Low-momentum layers, near a wall,
that cannot overcome an adverse pressure gradlent will slow down.

If the normal component of the velocity gradient at the wall reaches
zero, the boundary layer will separate from the wall. The point,
where the shearing stress 1s zero, is defined as the separation point
(in three-dimensional flow this is not a necessary condition for
separation).

Despite this simple description, separation phenomena are rather
complex. The adverse pressure gradient may be an effect of body
geometry on the inviscid stream, or may be caused by a shock wave
impinging on a boundary layer, or both. Thickening of a boundary
layer from various causes including an adverse pressure gradient
affects the pressure distribution. When significant, this phenomenon is
known as a viscous interaction. Three-dimensional effects also com-
plicate the problem. One might intuitively expect cross-flow of low
energy layers near a wall to change the thickness of the boundary
layer, affect the location and definition of the separation point,
and distort the usual conception of a separation bubble.

Mathematically, the separation point in two-dimensional flow is
a singularity in the bourdary layer equations. To deal with the fluid
mechanics rigorously in the neighborhood of this point requires the
inclusion of more terms of the Navier-Stokes equations that are
usually accounted for in boundary layer analysis.

Because of the complexity of a rigorous approach to the separa-
tion problem, attempts have been made, some more sophisticated than
others, to use approximate or semi-empirical methods. 1In our previous
survey (Ref. 1), we discussed the Crocco-Lees mixing theory and the
attempts made to apply or modify it. This method, because of its
complexity, and because it produces results that are r.o more accurate
than simpler methods, seems to have been by-passed in the more recent
investigations. A brief review of our work is presented below, fol-
lowed by a summary of a few of the more promising of the recent in-
vestigations.

Modified Dorodnitsyn Strip Method

We attempted to use a Dorodnitsyn Strip Method (Ref. 24) modified
as suggested by Donaldson (Ref. 25), to predict the location of a
separation point together with velocity and temperature profiles within
a separation bubble for two-dimensional or axially-symmetric laminar
compressible flow.

s R
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The method appeared to have all the advantages of finite gif-
ference methods including the prospect of eventually allow.‘'ng one to
use second order terms of the Nawvler-Stokes equations. Also, it was
hoped that increacsed accuracy could be attained eventually by using
narrower strips.

Te boundary layer was divided into N strips parallel to the
wall. Across each strip, the momentum and energy equations were in-
tegrated. The integrand in each term was consldered to be a linear
function of the normal physical coordinate, z, whichenabled us to use
the trapezoidal rule to evaluate each integral.

The resulting set of simultaneous ordinary differential equations

was solved with an Adam's Four Point numerical method on an IBM 7094
computer. We obtained reasonably accurate profiles for the compres-
sible case with heat transfer and were able to predict the approxi-
mate location of the separation point, using a known adverse pressure
distribution. We were not, however, able to pass through the separa-
tion point into the reverse flow reglon, apparently because of numer-
ical instability of the solution.

The applicablg numerical-stability criterion seems to follow the
expression pu( A z) ( # Ax), where p and u are the density and ve-
locity, respectively; u is the absolute viscosity; Az, the strip
width, and Ax the increment of the streamwise coordinate. The nu-
merical value of this critericn at any strip must be greater than a

certain positive number (see discussion in Ref. 26). ience a negative

velocity in the reverse flow region causes numerical instability.
The criterion also limits the attainment of high accuracy without
exhorbitant computer time; if Az 1is divided in half then Ax must be
divided by eight (u ~ Az near wall).

Summary of Selected Methods

We reviewed a large number of publications that have appeared
since our previous survey (Ref. 1). However, rather than write an
exhaustive supplement, we beli.ved it would be more useful to limit
our discussion here to a few that appeared to be both novel and prom-
ising either in method or results. The following four investigations
seemed to fulfill this criterion.

Lees and Reeves (Ref. 27) developed an integral technique to
predict pressurs distributions generated by a viscous interaction in
laminar flow. Integral techniques generally make use of polynomial
expansions to express the velocity and enthalpy profiles in the var-
ious terms of the integral equations of the boundary layer. In the

Pohlhausen method the coefficients of the polynomial are all expressed

in terms of one parameter that relates the shape of the velocity pro-
file in the boundary layer to the local pressure gradient, Lees and
Reeves use a different parameter, following Tani %Ref. 28). This
parameter is essentially the nondimensional slope of the veloclty
profile at the wall. However, rather than usc & quartic polynomial
expansion as Tani did, the authors use simple aigebraic functions of

O
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this parameter to represent flow terms of the integral equations.

The functions were found by curve fitting the similar solutions of
Conhen and Reshotko (Ref. 29), including the reverse-profile solutions
for separated flcw. Using these functions, the integral equations
were solved simultaneously with a Prandtl-Meyer expression relating
the inclination cof the local external streamline with the local ex-
ternal Mach number. The results correlated rather well with experi-
mental pressure distributions.

Erdos and Pallone (Ref. 30) exploit to good advantage the corcept
of a free interaction for both laminar and turbulent flows. A [ree
interaction is defined as an interaction where the pressure distri-
bution 1is not directly influenced by down-stream geometry. Chapmen
et al. (Ref. 31) found in their experiments, free-interactions up vo
the pressure-plateau region in laminar flow, and free-interactions up
to the separation point in turbulent flow as shown in the following
sketch.

Turbulent
Platean
C
P
Turbulent Free X - Xl
o
Interaction Region X
1

Laminar Free Interaction
Region

Erdos and Pallone follow the approazh used in Ref. 31 and couple
an inviscid linear relation with the boundary layer equations at a
wall to derive an expression for the pressure distribution as follows:

- T
$ X X1 (M W]
C = n X f X g 1°
P ‘/(Rexl) 3l 11 T

\ 1/

-
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the p icient based on conditions just upstream
eracti

Reyx; 1s the Reynolds number based on X,;

x 1s the streamwlse surface distance; subscrint 1 locates

guantities in the local undisturbed flow Jjust upstream of the
interaction;

n =1/2 for lan'nar flow and 1/5 for turbulent flow,

£ is a factor to correct for the discrepancy between the
inviscid linear relation and the nonlinear inviscid flow and
has a value close to unity;

fg[ (x-xl)/li] is a universal function, determined empirically
from a single set of pressure measurements (Ref. 31) for a free
interaction (curves of f3 are presented in Refls. 30 or 32 for
both laminar and turbulent flow);

et L At It gieal 36 g, Dot 4 LI M ot 7

11 is the length of the interaction region; and

g(My, Twi/Tbl) is a function of the Mach number »nd ratio of

wall temperature to temperature at the edge of the boundary
layer, (this function is obtained from the solutions of
Van Driest (Ref. 33), and plots of g are presented in Ref. 32).

This expression for the pressure distribution was used in con-
Junction with the boundary layer method of Ref. 34 to calculate re-
verse-flow profiles. Agreement with experimental data was good.

Erdos and Pallone also derive an expression for the length of the
interaction region that agrees reasonably well with experimental data.

They use the "dividing streamline" concept first suggested in Ref,
31 to develop an empirical method for calculating the length of
the separating streamiine and the locations of the separation and re-~

sttachment points for a compression corner.

Erdos and Pallone also show how the free-interaction concept can
be used fcr estimating base pressure and the wake angle in the rear
wake of a slender body, by assuming that a free interaction occurs at
the trailing shock. Further, they show how a shock interaction stronger
than a free interaction must cause separation, throwing some light on
the problem of inciplent separation.

Pallone (Ref. 34) developed a modified Dorodnitsyn integral strip
method combined with a Pohlhausen approach. The boundary layer was
divided into a number of strips parallel to the flow and a set of
governing equations for each strip was integrated from the wall to the
boundary of each strip. Polynomlal profiles were used tc represent
the flow terms in each strip. The set of crdinary differential equa-
tions that resulted was then solved nunerically with an imposed
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streamwise pressure gradient, This method was used successfully in
the investigation discussed above (Ref, 30) to calculate reverse flow
profilies in & sSeparaved region,

Libby et al. (Ref. 35) study effects of three-dimensional bound-
<ry layer flow in the neighborhood of a centerline of symmetry of a
flat plate surface of a hypersonic inlet in laminar fiow. Both a
gimilar solution (with certain restrictions required for three-dimen-
slonal flow) and an integral method are used wlth known adverse pres-
sure gradients. The solutions by both methods indicate that thinning
of the boundary layer and delaying of separation can be quite signif-
icant as a result of the spilling of layers of low energy fluild near
the wall away from the centerline of symmetry. The solutions also
indicate, for the stream and body condlitions considered, that very
small angles of attack produce significantly large crossflows. The
results indlcate the general applicability of the method and, in
particular, the applicability of the method to hypersonic control
surfaces,
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SEFARATION AHEAD OF RAMES

Separation ahead of a ramp is probably the most lmportant sirgle
type of separation pertinent to investigations of aerodynamic control
characteristics. Depending on the flow conditions and the height of
the ramp, the flow may or may not reattach on the ramp surface.
Further, the separation can be either of the "free interaction" type
mentioned in the preceding section, or can be influenced by down-
stream conditions. Flow ser ‘ration ahead of ramps has been the sub-
Ject of many experimental investigations in the supersonic range,
however hypersonic flow data are sparse.

Mode’.s of simple geometry are essantial for basic studies of flow
separaticn phenomena. Accordingly, we tested flat plate models with
various ramp shaped flaps. Pressure and heat transfer data were ob-
tained for flows ahead of full and partial span trailing edge ramps
(flaps) for wide ranges of ramp
angles, plate angles of attack,
and free stream conditions (Refs,
5 through 9). Three wind tunnel
models were required to investi-
gate aspect ratlio, end plate, and
wall temperature effects on sep-
aration for various Reynolds num-
bers and nominal free stream Mach
numbers of 5, 8, 13 and 19. (See
sketch and pages 41 - 60
herein for descriptions of test
facilities, ranges of test vari-
ables, and models.)

The models had square planforms and 25 percent chord trailing
edge ramps. One of the models also had a forward ramp that could be
deflected at angles up to 90° with respect to the flat plate surface.
In addition to providing data for flows ahead of forward facing steps

(or "spoilers"), the forward ramp provided
data for examining leading edge effects.
Further, 1t provided data for wider ranges of
ramp aspect ratios and running length Reynolds
numbers, Re,. The ramp chord to plate length
ratioc was tﬁe same for the forward ramp as
for the trailing edge ramps. For the same
free stream conditions, the running length
Reynolds numbers for the forward ramp data
were one-third those for the trailling edge
ramp data.
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Evidence of the importance of Reynolds number effects is given
by the sample forward ramp data shown in Fig. 2.

0. 8 p—
Cp 04... 0.4:" 8 O
- [ Y98g- | g Re_
S ‘ = 3.3
e p 5 l G — .
- _ 10 1t
- 0’. 3 i i —
00 0 0'2i ‘ 0.4
X Ramp
5 - 90°

Figure 2. Centeriine Pressure Distributions on Plate and
Face of Forward Ramp (step) for o =0

Pressures measured on the fiat plate snd ramp surfaces were nondimen-~
sionalized with respect to free stream conditions and presented in
stendard coefficient form. The pressure coefficients are plotted
versus X, the streamwlise surface distance nondimensionalized with r=2-
spect to the model length (see Fig. 26 , page 50). Based on the total
model length (12 inches), the fcrward ramp hinge line is atX =0.250
and its trajling edge 1s at X =0.333. The pressures exceed the flat
plate valuz ghead of the hinge 1line but do not reach their maxinum
values on the 30° pamp uniil near the ramp trailing edge. These sep-
arition effects become more pronounced for the thicker boundary layers
(Lower Ree values) and higher pressure rises (larger ramp deflections).
Indeerd, the plate presgsures in the separated flow region ahead of the
forward facing step were essentially equal to those on the face of the
step.

Preessure distributions for flows over full span, 30° trailing
edge ramps are presented in Fig, 3. The pressure distributions and
extent or the separated flow regions are affected markedly by changes
in the free stream unit Reynolds numbers. Regarding the forward ramp
data, the separation effects become more pronounced for the thicker
boundary layers (due to elther lower Rew or higher M values). The
separation point moves upstream with decreasing Reynolds number and
reattachment 1s delayed. The inviscid wedge values (obtained from
shock tables for 30° wedges) are not attained until considerably down-
stream of the hinge line.
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For the same Reynolds number, the extent of separation increases
with Mach number. Further, although the available variation in Re o
was smaller, the pressure distributions indicate the Iincreased im-

portance of Reyneclds number effects with increasing Mach number.
Thus, for the Mach 8 data, laminar separation near the plate leading
edge was observed for Reeo /ft = 1.1 million, whereas transitional
separation was observed for Rew /ft = 3.3 million. Protographic
evidence of this (but for a 5° model angle of attack) is provided by

the shadowgraphs shown in Fig. 4.

b) Rey /ft = 3.3 Million

Figure 4. Shadowgraph Photographs for Mach 8 Flows Over a Full Span 30°
Ramp on a Flat Plate at 5° Angle of Atiack

Finite span effects are examined by comparing pressure distri-
butions for full span trailing edge ramps with and withcut end plates
and for a _ rtial span trailing edge ramd (Figs. 3 and 5). The ramp
and model geometry are described on pages 47-52 herein (see also

Fig. 1, page 2, for a photograph of the model with end
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plates). The extent of separation 1s least for the partial span ramp
and greatest when the full span ramp is end plated. Crossflow venting
of the vortical reverse flow in the separated region ahead of the ramp
i1s easiest for the partial span ramp but is essentially prevented by
the end plates. These crossflow effects are more pronounced for the

lower Reynolds numbers, higher Mach numbers, and higher pressure rises.

Indeed, for Mach 8 flows over 450 ramps, the end plates strongly
influence the eurface pressure distributions (see Fig. 6). The flow
separaceés near the lsading edge of the flat plate and doesn't reattach
until near the ramp trailing edge. The erd plates prevent venting of
the separated reverse flow and delay rcattachment. Thus, they sub- ;
stantially increase the amount of "trapped"” flow in the separated
region and lead to a considerably larger dividing streamline angle at
separation. This results in the larger pressures measured on the flat
plate surface. It is also indicated in Tlz. 6 that the ramp pressures
fall far below the estimated inviscid values (constant C, values; the ;
curves faired through the data points are only for clarigy and do not
represent analytical values). Indeed, with end plates, the force due
to the ramp pressures may well be les3 than that due to the plate ;
pressures upstream of the hinge line, with possible drastic conse- ‘
quences fcr the characteristics of ramp shaped controls on hypersonic
vehicles,

Even when the model was pitched 5%, making the flat plate surface
leeward, the end plates led to positive pressure coefficients on the
plate surface. These pressures are comparable to those obtained at
a =0 without end plates {Fig. 6). The inviscid wedge value of the
ramp pressure coefficient was calculated using Prandti-Meyer expan-
sion for 5° from Mach 8 and then estimating the pressure rise due to
a sonic wedge shock wave. As for thea = 0 case, the end plates cause
the pressures on the ramp surface to bte far less than the inviscid
values. f

Without end plates, the maximum ramp pressures exceeded the in-
viscid wedge values in several instances (Figs. 6 and 7). In Fig. 7
the Mach 5 and 8 pressure data are compared for trailing edge, full
span, ramps on flat plates at a=0 for verious ramp angles. For ramp
deflections of 30° and less, the pressure coefficient distributions
ahead of the hinge line are insensitive to the change in Mach number.
On the other hand, Mach number effects are guite pronounced on the
ramp surface, especially near reattachment. The Mach 8 data presented
in Fig. 7 for the 450 ramp were obtained from a different test run
than those presented in Fig. 6. The repeatability of the data can be
seen by comparing the pressure distributions in the two figures.

Very high pressures were measured near reattachment on the ramp
surfaces when the model was piltched at positive angles of attack (flat
plate windward). The possibility of high local loads at reattachment
is due to the comparatively gradual compression of the flow through
many oblique shock waves, therebg avoiding strong normal shock wave (
losses, Typical cases, for a 30% full span traiiing edge ramp, are
shown in Fig. 8 for both positive and negative angles of attack

14
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(referenced to the flat plate surfac ) For unit free stream Reynolds
numbers of 3.3 million. Mach 5 data are presented in Fig. 8a and
Mach 8§ data are presented in Fig. 8b.

Sample heat transfer data, obtained for Me =8, 13, and 19, are
presented in Fig., 9. The aerodynamic heati g rates, g (BTU/fté sec),
are plotted versus the same nondimensional distance X as for the pres-
sure coefficients. To obtain essentially centerline distributions for
both the pressure and heat transfer data, it was necessary to offset
slightly from the centerline both the pressure taps and thermocouples
in the heat transfer models (see Fig. 26, page 528. Heating rates
obtained for flows over 309, full span, trailing edge ramps are shown
in Fig. 9 for three free stream unit Reynolds numbers. The heat
transfer rates decrease from thelr leading edge values to almost zero
at the separation point, increase gradually within the separation
zone and increase abruptly at reattachment. The heat transfer rates
are very strongly dependent on Reynolds number values near reattach-
ment. Reynolds number dependence for flat plates without ramps can
be _accounted for by presenting the data in terms of Nusselt number/

Re,, as done in the data reports (Refs, S and 7), but this param-
eter loses significance ror the ramp data.

In addition to investigating flow separation effects on the aero-
dynamic heating rates, we investigated the effects of wall temperature
on flow separation. This was particularly desirable because the
heating rate disftributions were obtained on essentially cold wall
models whereas the corresponding pressure distributions were obtained
on hot wall models (.see ages 41 through 60). Sample
data, obtained using an internally cooled model, are shown in Fig. 10
for two different wall temperature levels, Again, pressure coeffi-
cients are plotted along the center line of the flat plate and sur-
face of a 30°, partial span, trailing edge ramp. Without cooling, the
plate and ramp wall temperatures, T,, (®R), attained thelr equilibrium
(zero heat transfer) values, Tay (oﬂ)_ The wall temperatureswere re-

duced to about a third of these values with internal cooling. The wall

temperature effects on pressure distributions are compared for three
free stream unit Reynolds numbers. Additional data for examining wall
temperature effects are readily available in Ref, 6.
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FLOWS OVER EXPANSION CORNERS AND DOWNSTREAM OF RAMPS

Further insignht into the fundamental fluild processes responsible
for flow separation was gained by investigating the causes of '"break-
away" separation. This type zf separation occurs at convex corners
where the local, inviscid pressure gradient is favorable such as the
flow breazkaway from the leading edge of a leeward surface or from the
corner of a rearward facing step (see sketch). Because the local
pressure gradient is favorable, in the inviscid sense, there was con-

troversy as to the cause of breakaway separation (Ref. 1).

B. Lyr.

——

Our investigations of flows over expansion corners, downstream
of ramps, and on leeward surfaces, indicate that separation will not
occur without adverse pressure gradients. Thus, as for standard
boundary layer separation, adverse pressure gradients are the prime
cause of breakaway separation. However, the pressure rise responsible
for breakawsy separation can be far Gownstream of the separation
point; its effiezcts are propagated upstream through the subsonic por-
tion of the boundary layer.

For example, flow separation from the leading edge of a leeward
surface 1s attributed to the eventual downstream pressure rise re-
guired to recompress the flow at the trailing edge. This type of
separation was investigated using the flat plate models with trailing
2dge flaps mentioned in the preceding section (see also Ref. 6, Part
III). The flow was observed (through a grouné glass shadowgraph
viewing screen) as the model was slowly pitched through an a.gle of
attack range, making the flat plate surface leeward, and then returned
to zeroa. As the plate surface became more leeward, the separation
point mnved, comparatively rapidly, upstream to tlLe sharp leading edge
of the flat plate. Although rapid, the upstream movement of the sep-
aration point was continuous and, moreover, the process was reversible
as the angle of attack was returned to zero. The procedure was re-
neated for different free stream Reynolds numbers (for Mw = 8) and
pressure distributions were recorded at discrete angles of attack
(Ref. 6). There was no sudden breakaway of the flow from the leading
edge but rather a rapid extension of the separated flow region due to
the pressure rise over the after portion of the model.
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Separation behind rearward fa~ing steps and ramps aiso can be
atiributed to the upstream propagation of adverse pressure gradients.
Pressure rises at reattachment and our investigestions of flows down-
stream of ramps are described after the followirg subsection. To
assess the importance of adverse pressure gradient effects on breal:-
away separafion, we investigated flows over simple expansion corners
for which there were no downstieam recompressions. In these cases,
even for machined sharp expansion csrners, there was no fliow separa-
tion.

Flows Over Expansion Corners

Before our research into the problem, we had conjecZured, pri-
marily intuitively, thet high speed fiows could not negotiate sharp
expansion corners without breaking away from the surface and Torming
at lezst a small bubble of separated flow immediately downstream of
the corner. For supersonlic flows over expansion corners the stream-
vise pressure gradient 1is negative and therefore favorable for at-
tached boundary layers. However, the standard boundary layer assump-
tion requiring that the surface curvature be small in comparison to
the boundary layer thickness is violated at the sharp zorner. There-
fore, standard boundary layer methods are inapplicable &s2d so, strictly
speaking, their indication that separation is caused by positive
pressure gradients need not be true,

Further, for flows over sharp expansion corners, there are large
pressure gradients normal to the surface (in contrast to the stardard

boundary layer result 9p/ a3z = 0). Thus, nondimensionalizing -ne
curvilinear Navier-Stokes equations (see Ref. 36, p.98)and performing
an order of magnitude anclysils, the pressure variation across the
boundary layer is found to be of the same crder of magnitude as the
pressure itself[ap = O(p,] for small corner radii [r = Of $)] . The
normal momentum equation must be retained and gp/ ¢x cannot be re-
placed by dp/dx.

Indeed, in the attempt to apply momentum integral methods to the
problem, both fourth (Ref. 36) and sixth (Ref. 37) cegree velocity

polynomials resulted in "bowed" or "popped" velocity

profiles for r < O(running length of boundary layer).

These profiles indicate velocitles within the bound-

ary layer exceeding those outside (sketch), Bowed
z >
SO

velocity profiles can be avoided by using exponential
functions rather than simple polynomials (Ref. 38), but
still it appears that the use of standard momentum

u/U o integral metheds for expamnsion corner flows should be
limited to finite cormer radii = >> 6,
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Abandoning standard boundarv layer methods, s

dg, simple approaches to
the problem are to neglect or to avoid the snarp corner singuiarity.
By assuming similar boundary layer rrofiles, displacement and momentum

thicknesses ard their ratlios across the cinguiarity can b2 calculated
in terms of the inviscid flow conditions upstream and downstream of
the corner. Of course, this masks Lhe nature of the flow in the im-
medlate vicinity of the corner. A similar approach makes use of flat-
plate boundary-layer solutions upstream and downstream of the corner
and joins them by 1gnoring wall shear in the vicinity of tle corner
(Ref. 39). The singularity is thus avoided ty assuming a separated
flow bubble (zero srear) that effectively rounds the sharp corner.

A more promising approach (in the hinésight of our experimental
research), assumes that separation does not occur but that a new
viscous sublayer starts on the downstream surface at the sharp ex-
pansion corner (Refs. 40 and 41). The upstream boundary layer is ex-
panded inviscidly about the corner, both subsonic and supersonic
layers, and superimposed on the new viscous sublayer., We applied the
rotational characteristics method to the inviscid expansion of the
supersonic portion of the shear layer and analyzed the flow field,
Immediately downstream of the corner the shear layer velocity pro-
files are bowed., As expected, there are large, normal pressure grad-
ients ( ap/ 02 ‘>O); and the streamwlise pressure gradients are favor-
able along every streamline in the flow field ( gp/ 9x <O0).

Surface pressures were measured for flows over sharp and rounded
expansion corners for varlous free stream Mach numbers and angles of
attack (see pages &7 through 52 herein and Refs. 5 through 8).
Steamwlise pressure data along model center llnes are presented in
Figs. 12 <hrough 14, The data are given in standard coefficient
form, Cp = (p - Pw )/qw , nondimensionalized with respect to free
stream conditions (upstream of the wedge leading edge shock), and
angles of attack are referenced to the flat plate surface downstream
of the expansion corner (see Fig. 11). Because of the closeness of
the data points (both Cp and X values, see Fig. 26), faired dats
curves are presented in this section for clarity; they do not represent

4 Corner Radius
r=0o0r0.50"

- ) ___W
g-/ 6 ] Boundary
: Layer Thickness

Figure 11. Nomenclature for Expansion Corner Flows
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Expansion Corner Shape Effects on Pressure Distributions for Re /'106 ft= 3.3
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analytical values,

The pressures mezsured downstream of the corners were slightly
larger than those calculated by the rotational characteristics method
described above, and these values, in turn, were slightly larger than
those calculated using the simple, inviscid, shock expansion method.
In all cases where the wedge leading edge shock was attached, the cal-
culated values were quite close to the measured values downstream of
the corner region.

In cases where the wedge leading edge shock is detached, there
is a iarge drop in the pressure upstream of the corner. The measured
pressures are less than those corresponding to sonic wedge flow. In
some of these cases (for the higher Reynolds numbers), there is a
characteristic dip in the pressure distribution immediately downstream
of the corner (Figs. 12 through 14), followed by a recompression.
For subsonic wedge flows there is a sonic line at the corner on The
upstream surface. Expansion waves from the corner are reflected from
the sonic line as compressions and are responsible for the recompres-
sions in the figures. For very strong recompressions. like those on
3 flat-nosed plate, the adverse pressure gradient due to the recom-
pression can cause a small separated flow bubble immediately downstream

of the corner (Ref. 42, page 417 and 705). This again shows the de-
pendence of separation on adverse pressure gradients.

Rearward and forward facing Stanton tubes at two statlons
(0.25 and 0.50 inches) downstream of the corners gave no evidence of
any separation. For every test condition, every forward facing tube
measured a higher total pressure than that measured by the correspond-
ing rearward facing tube. Further, the rearward facing tubes gave
pressures lower than the local surface static pressures. These re-
sults are the prime experimental evidence that there was no separation
downstream of the sharp expansion corners.

Sample total pressures measured by the forward facing Stanton
tubes are shown in Fig. 15. Although there were insufficient tubes
to obtain boundary layer profiles (just three forward and three rear-
ward facing tubes on each model, see "Experimental...Models" section
and Refs, 5, & and 10, the data were sufficient to indicate that the
boundary layer thicknesses downstream of the corners were substantilally
larger than those calculated immediately upstream of the corners.

The Stanton tubes didn't affect the downstream suriace pressures,
but did affect severly the aerodynamic heating rates measured at the
same spanwise stations. These effects were limited to the wakes be-
hind the tubes and did nct extend inboard to the model centerlines.
Sample centerline heating rate distributions downstream of the two
dimensional corners are presented in Fig. 16. Heating rates down-
streaﬂ of axisymmetric corners (cone-cylinders) are presented in
Ref, 41.
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Sharp, 40° Expansion Corner for M= 8
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Pinalily, in addition to the total pressure measurements and the
distrinutions of surface pressures and heating rates, schlieren and
shadowgraph flow photographs and high speed motion plctures showed no
separation downstream of the sharp expansion corners. We must con-
clude that separation doesn't occur without adverse pressure gradlents
e2lthough, as for the flows described below, the pressure rises can be
far downstream of the separation points.

Flows Downstream of Bamps

In addition to providing Re, and aspect ratio effects for sepa-
ration ahead of ramps (see preceging section), the forward flap on a
flat plate model also provided data on the reattachment of flows
downstream of ramps. As mentioned in the preceding section, the model
was tested with and without endplates (see.Fig. 1 and pages 47
through 52 for a more complete description of the model and for-
ward flap). The nomenclature used here is indicated in the following
figure, where X is the nondimensional distance downstream of the sharp
leading edge. Reynolds numbers, Rew , are based on the one-foot
length of the model and free stream conditions. Angles of attack and

flip (ramp) deflections are positive when windward (as shown in Fig.
7).

0 0.2 0.4 0.6 6.8 1.0

Figure 17. Nomenclature for Flows Downstream of Ramps
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Pressures for lleo =5 and 8, and aerodynamic heating rates for
M = 8, were measured on the flat plate surface downstream of the flao
for many angles of attack (up to 450), and many f{lap dellections
(up to 90°). Streamwise and spanwise distributions of all the data
and schlieren flow photographs a.e presented in Kefs. 5, 8 and 9;
representative results are preventea here in the following Figs. 18
and 19.

The [{low separates from the trailing edgc of the ramp-type flap
and reattaches downstream on the flat plate surface. The extent of
the separated flow region and the pressure rise at reattachment de-
pend on several parameters: @, §, Mg , and Rew {Fig. 18). For high
surface angles of attack (a:>2005, the downstream pressures are every-
yhere less than those recorded on the surface with no forward flap
deflection. This can be attributed to model tip effects. Hcwever,
at lower surface angies of attack, the pressures at reactachment con-
siderably exceed those reccrded for 8= 0. These excess pressuras de-
pend on the flap deflectlion angle as well as on the stream flow cor-
ditions (compare Figs. 18a, b and c). The 30° flap leads to the
highest excess pressures at reattachment whereas the 90° flap causes
no excess pressure {(similar So rearward facing stems, Ref, 31).

Except as noted in the first two parts of Fig. 18, the pressure
distributions are those recorded along the centerline of the model
without end plates, In most cases tested, there is no appreciable
spanwlse pressure variation across the center portlon of the model;
moreover, the pressure distributions downstrzam of the flips £re not
significantly affected by end plates, The nondimensional ¥ = 0.34
spanwige location is .wo inches oubtboard {rom the model centerline,

Similar to flows over rearward facing steps (Ref. 31), the pres-
sure drop in the separated flow region and the location of reattach-
ment depend strongly on the laminar or turbulent character of the
boundary layer (Figs. 18c and d). Turbulent boundary layers, associeted
with the higher Rew values, lead to the greater pressure drops and
reattachment upstream of that for laminar boundary layers.

Aerodynamic heating rates are substantially reduced in the sep-
arated flow region downstream of flaps but exceed the undisturbed,
flat plate, values downstream of reattachment (Fig. 19b). As with the
pressures, the heating rates downstream of flaps do not vary appre-
ciably spanwise across the center portion of the model. However, the
heating rates are more sensitive to end plate effects; a typical com-
parison showing end plate effects is drawn in Fig. 19c.

32

-~



2Nl 2 o p e RIS

.71
0.6 /—\
s
\ o
/h\ Outboard
o4l (Y = 0.34
C
p -
0.3 \
i5°
0.2 -
0.1 - \/-/Msc ;
0 2 H ’ 1 } 3
a) 4= 30°, M= 5, Ree= 3,3000, 000 ;
0.2

Centerline

Y =
0.1} Outboard =0

(Y = 0.34)
0 | [l t , | ) }

. ne AMR e

0.02
Cp o L
- 0,02
0.02
C =
p 0
!
=~ 0,02
Ramp L. E '
{ . 1 I | ) ) J
0.2 0.4 0.6 0.8 1.0
X
Figure 18. Pressure Distributions Downstream of Ramps
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FIN PLATE INTERACTIOR

The present understanding cf the complicated flow in a stream-
wise corner region is poor in terms of a satisfactory theory, but for
hypersonic free streams there are several rules ani approximations
that are helpful in predizting the cbserved effects. It appears that
the dominant mechanism in in piate interactions is always the sep-
aration of the plate boundary layer under the influence of the fin
shock wave. There are three basic modes in which this separation can
take place, and many combinations of them may be present in any given
interaction flow.

The first mode occurs near the fin leading edge, where the thick-
ness of the inviscild shock layer on che fin is very smail relative to
the natural length of the separated boundary layer on the plate. The
pressure rise due tc the fin shock i1s propagated upstream through the
boundary layer and separaticn occurs far ahead ¢f the fin. This mode
has been observed on plates upstream of both blunt and sharp fins
(sce Fig. 20, parts a and b), although the detailed characteristics
are diiferent in the two cases. Three dimensional effects are always
of first order importance in this mode, and there are no satisfactory
methods for predicting the I'low characteristics except for purely em-
pirical correlatioens.

The second mode occurs when the fin shock layer thickness is com-
perabtles to the separation zone lengih measured normal to the local fin
surface. The presence of the fin is an essential part of the struc-
ture of the separation zone in this mode, and the separation line on
the plate is not in general parallel to either the fin or the fin
shock (see Fig. 20, part c¢). A considerable amount of pressure and
heat transfer data pertinent o the first and second modes was obtained
for tne investigation summarized herein (Refs. 7 through 11).

The third basic mode in which interacticn separation can take
ﬁlace has been investigated theoretically and experimentally ({Refs.

3 and 44). This mode occurs when the shock wave is sufficiently far
from tr . fin sc that the separated boundary layer on the plate can
reattach without significant influences from the presence ¢f the fin.
In this mode the fin acts simply as a shock generator, and the problem
reduces to the pseudo two-dimensional probliem of a swept planar shock
separating a ooundary layer. The fin vlate junction, far enough down-
stream of the .eading edge, poses a streamwise corner boundary layer
problem for the reattached flow downstream of thz fin shock.
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a) Flat Plate Parallel to M,

Rew . 1,100,900
ft

b) Flat Plate Parallel to M o *
Rew . 6,600,000
ft

.

B "’ . N «
= N\ Separation
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.

(See Also Figure 22a)

o v

c) Flat Plate in
Compression 5°,

R
% - 6,600,000

Figure 20. Oii Film Flow Photographs of Fin Plcte
Interactions for M= 5
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At hypersonic speeds the fin shoctk is close to the fin surface
and generally the interactior cannot be split intc separate incident
shock and corner flow boundary layer problems. Thus the subject in-
vestigation was concerned primarily with the first two modes of fin

plate interaction separation.

The oil film flow ophotographs of Mig. 20 present vivid evildence
of the first and second modes of interaction separation caused by
300 wedge shaped fins mounted on a flat plate (see following section
for model description). The high pressures on the blunt fin leading
edge are propagated upstream through the plate boundary layer and
cause sevaration far upstream of the fin (Fig. 20a). Indeed, the
luminar bovndary layer separates just downstream of the plate leading
edge and is similar to the two-dimensional "free interaction' type
of separation (see Refs. 10 and 11 for pressure distributions and
profile schlieren photographs). The extensive region of separated
flow ahead of the fin, characteristic of the first mode of interaction
separatiocn, is modified greatly for the sharp fin case shown in
Fig. 20b. Although the region of separation is sharply reduced (in
part due tc the higher free stream Reynolds number), it is stiil pre-

dominantly three-dimensional over the forward portion of the model.

The extent of the first mode of interaction separation is seen to
be limited to the sharp fin leading edge region in Fig. 20c. For
this case the model was pitched 5° resulting in a somewhat lower speed
flow over the flat plate. The major portion of the interaction is of
the second mode described earlier. For this type of interaction the
flow 1is generally conical in nature. The most promising theoretical
approaches to the problem appear to be ivhose based on crossflow
plane analyses,

Pressure coefficient and heating rate distributions measured on
the fin and plate surfaces at various steamwise stations (crossflow
planes) are presented in Fig. 21, Coefficients are referenced o free
steam conditions and the model angle of attack., a , is referenced to
the flat plate s.rface. As indicated i1 the figure, the coordinate
origin 1is at the intersection of the fin leading edge with the flat
plate. Streamwise and fin spanwise (heightwise% stations are non-
dimensionalized with respect to the fin chord and height respectively.
Fcr the data presented in Fig. 21, the 30° wedge shaped fin had a
sharp leading edge and an aspect ratio of 0.500 (see following section
for model description).

The fin surface and inviscid shock locations and pressure coeffi-
cieats (for a 150 flow deflection) are also indicated in Fig, 21.
The pressure distributions on the plate surface resemble those meas-
ured in sspardted flow regions ahead of ramps. There are overpres-
sures on the plate surface far outboard of the fin shock and gen-
erally the plate pressures do not reach the inviscid shock values
until very close o the fin plate Jjunction. On the fin surface the
pressures increase somewhat from their valuss at the plate Jjunctlon
to values exceeding these given by two-dimensional inviscid shock
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tables. These overpressures are attributed io the multiple shock
compression of the flow in the interactlon region and indicate the
extent of the reglon. The interaction reglon is also marked by large
aercéynamic heating rates, presented in Fig. 2lc.

Mach and Reynolds number effects on the interaction pressures
and heating rates are glven in Fig. 22 for a 30° sharp leading edge
fin with an aspect ratio of 0.156. Again similarly to two-dimensional
separation ahead of a flap, the extent of separation and overpressures
on the plate depend strongly on the boundary layer thickness. Partic-
ularly for the thicker boundary layers (larger Mo and smaller Ree
values), the pressure rise due to the fin shock is propagated far out-
board and causes substantial cverpressures over a large portion of the
plate surface.

The data presented in Figs. 21 and 22 are representative of those
obtained for the second mode of infteraction separation described at
the outset of this section. In many cases, particularly for fins

with blunt leading edges, the
interaction was predominantly
(%hnﬁ) three-dimensional in character
Z

Shocks fin | (first mode). Although not

L.E./ amenable to theoretical analyses
) > ‘ at present, pressures and
R Ry Cpﬁl heating rates were measured for
a wide variety of flow condi-
Sep., Flow tions and can readily be used

for engineering estimates (see
following sec.'on and Refs, 7 through 11). Particularly noteworthy
in thils asrect #re the high pressures and heating rates observed on
the leading edges in the immediate vicinity of reattachment of the
separated flow zhead of the fin., In some cases the peak values were
more than three times larger than the stagnation values of the pres-
sure and heating rate measured on the cylindrical leading edge out-
side of the interaction region (see sketch).
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The wind tunnels and models used to obtaln the experimental re-
sults presented herein are briefly described in this section. First,
the over-all test program is outlined. The techniques used to obtain
the data are then described along with the reduction and accuracy of
t?e data. Finally, the models ave described (see also Fig. 1 on page
2).

Tunnels and Ranges of Variebles

Tests for the experimental portion of the program were conducted
in the Grumman Hypersonic Shock Tunnel and at the AEDC von Karman
facility. The partizular AEDC wind tunnels used were the: U0-inch
supersonic wind tunnel, 5C-inch Mach 8 tunnel, and the Hotshot 2
hypervelocity tunnel. These faciliitles provided the Mach number and
unit Reynolds number ranges shaded 1ln the follcwing altitude-velocity
chart (Fig. 23). The test conditions fall within the so-called flight
corridor whose upper and lower bounds are delineated, approximately,
by the dotted hypersonic flight entry trajectories shown in Fig. 23,

Pressure and force data were obtained in the AEDC 40-inch super-
sonic tunnel for a nominal free stream Mach number of 5, he angle of
attack ranges used for the various models are given in the rollowing
table. The table also lists cthe ranges of the unit free stream
Reynolds numbers, sideslip angles, and control deflection angles.
0il film, schlieren flow photographs, and high speed schlieren motion
pictures were taken. Pressure, heat transfer and force data were ob-
tained ir. the AEDC 50-inch Mach 8 tunnel and shadowgraph flow photo-
%raphs were taken for the configurations indicated in the table.

ressure data were obtained on Jjust one configuration in the Hotshot
2 lmpulse-type, hyperveloclty facility. Schlieren flow photographs
were obtalned ar.d very high speed, color motion pictures were taken
during the test runs when heat sensitive paint was applied to the
model. More complete descriptions of this impulse type tunnel and
the continuous flow tunnels mentioned above are readily available in
the AEDC Test Facility Handbook (Ref. 45).

Limited pressure and heat transfer data were cttained in the
Grumman Hypersonic Shock Tunnel for the Mach numbers and unit Reynolds
numbers listed in the table. Interchangeable nozzle throat blocks
are used for the different Mach number flows. Schlieren flow photo-
graphs were taken in addition to motion pictures showing the dis-
colorization of heat sensitive paint applied to two of the models.
Further descriptions of this tunnel are given in Refs. 7 and 22.
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Figure 23. Altitude Velocity Chart with M_, znd Pe,,/ft Test Rarges

Experimental Tachniques and Data Reduction

A1l pressure data were reduced to standard ccefficient form:

P - Po
P Qo
where p 1s the measured pressure, p, is the frze stream static pres-
gure, and gqe is the free stream dynamic pressure.

The accuracy of the pressure measurements depends upon the
particular faclility and also the pressure level. For the Mach 5
data, pressures below 1.0 psia are measured to within * 0.005 psia
while the accuracy for the higher pressure measurements is * 0,075
psia. Whence, depending upon the values of and Rey,, the pressure
coefficient accuracy varles from about * 0.009 to + 0.020. Similarly
for the Mach & data, pressure coefficient uncertaiaties vary. for
exampie, from 0.CO4 for C, < ©.3 and Re, /ft = 1.1 million, to C.013
for Cp = 2.0 and Rey, /ft = 3.3 million. Pressures obtained in the im-
pulse type test facllities were estimated to be aczurace to within
10 percent of thelr measured values. More thorough discussicns of the
pressure data accuracy are available in Refs. 10, 16, and 22.
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Aerodynamlic heating ratcs were obtained using the thin wall

transient temperature technique. Cooling shoes were installed in
: the AEDC 50~inch Mach 8 tunnel. The model was pitched to the desired
{ angle of attack while inslde the cooling shoes. The shoes were then
rapidly retracted and thermocouple temperatures recorded during the
initial heating of the model, The cooling shoes were then closed,
the model cooled to approximately 500°R , and piltched to the next
desired anglz of attack. In this manner, temperature hlstories were
recorded for a set of test conditions while limiting the amount of
heat absorbed hy the model. The cooling shoes were then lef{ retract-
ed while the pressure data, which requlre several minutes. to stabilize,
were obtained at the gams set of test conditions.

T —
TS

The aerodynamic heating rates, § (BTU/ftasec), are calculated
from the temperature histories: :

4 = ¢ abe (dTw/dt)

o

P T
UL ARy

where dT /dt (oﬁ/sec) is the wall temperabure rise rate; a (lbm/ftjj
is the dBnsity z{ the wall maberial; b (ft) is the thickness of the
wall; o (DFU/1bm} is the specific heat of the wall material; and ¢

is the correetion factor for conduction effects and relates the
measured heat transfer rates to the aerodynamlic heating rates. For
very thin walls, made possible by our innovation of the use of honey-
comb sandwich panels (Qeseribed in the following subsection), the
temperature response is very rapid and conduction effects are negll-
gible., To within the acguracy of the wall material properties and
neasured wall thickneszes, ¢ .= 1.00.
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Tuae thin sall transisnt temperature method was also used to
ontain the asrodynamie heating rabtes on the models tested in the
Grumman: Hypersonic Shock Tunnel, The femperatures measured by the
thin film heat iraunsfer gsuges were converted by analogs and pre-
sented directly &s heab kransfer rates, - - ' -

Six cemponent forcs and momsnt datz were obtained and reguced
to standard coefficient forms for body ofiented axes., Body axes
were used in lieu of wind axes bto facilivate the comparisén of -
integrated pressure and force irncrements, and te facllitate deter-

mining control effectiveness,
The normal, sxial, snd side force cosfficlents are:

__normal force A —2xlal force
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where S 1is the reference planform area {see Table II). The pitching,
yawing and rolling moment coeificients are:

c pitching moment c yawing moment
m A oL n QoL

1!
I

and
rolling moment

q,ST

]

Cy

where the reference length, L, is the planform virtual Zength and
moments are taken about a noint 0.60L downstream of the planform
virtual apex on the longitudinal axis of the balance. The co-
efflcients presented herein are those die to the total forces and
moments measured; they are not corrected for base pressure effects.
The sign conventions for the force and moment coefficlents are given
in Fig. 24. Angles of attack, @, are positive for nose up, and
sideslip angles, B8, are positive for nose left.

| 2

b depad He F

A ;
o i B

v v o

Figure 24. Sign Conventions for Force and Moment Coefficients
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The total forces and moments were o tiined using an AEDC water
cooled balance., The same balance was usad in both continuous flow
winé tunnels for both force models, The unsertainties in the force
and moment coefficients obtsined from the Lalance measurements are

shown in the followling table for both models for the nominal values

of the Msch 5 and Mach 8 free stream dynamis pressures, The un-
certainties- in the coefficlents vary inverseiy with the q,values,
and can be calculated for the different free stream Reynolds numbers
by dividing the tabulated uncertainties by the ratio of the gevalues
for the different free streams, Reference arsas and lengths for
both fcrce models are giveh in Table II.

TABLE II
FORCE AND MOMENT COEFFICIENTS A

» Reference Areas and Lengths
3 delta wing - bodg ' pyramidal configuration
L 121 .7 square inches 157.0 square inches
18.2 inches 20,8 inches
Uncertainties 1nAC6éfficients*
delta wing - body pyramidal configuration
Mach & Mach 8 %ach 5 Mach 8
Qe = Goo = Gep = Qoo =
1.81 psia)| 2.5& paia) 1.81 psia) 2.56 psia)
Cy + 0.0039 + (.0154 + 0.0080 +0.0174
Ca * 0,0021 % 0.0033 + 0. 0020 %+ 0,0037
Cy + 0.0029 + 0.0077 + 0.0052 = 0.0087
C, + G.0016 * 0.0044 + 0.0016 + 0.0043
Cn + 0.0010 + 0.0022 + 0.0010 + 00,0021
Cy x 0.0003 2 0,0004 + $0.0002 + 0, 0004

*Due to error spread in balance readings fcr Mach 5 and repeatability

spread in data for Mach 8 (Refs. 15 and 21).
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Normal loads and hinge and twlstlng moments were measured on
one of the remotely centroiled tralliing edge flaps on the pyramidal
configurat¢on. Tne water cooled flap balanco 4nd accuracy’of the

R P |

meaouilrcu s.:.a.y J.UQUD mc' ucub«J.ucu J.Ll chlo CJ, W11€L¢N1 ch .L.Lap
force and moment data are presented,

As Adescribed in the followingAsubsection, remotely controlled
flaps wer. used for ssveral of the medels. Flap deflections, for
the remotely controlled flaps, were sget using Leeds and Worthrup.
indicator readings of potentiometers contnected to-the flap drive

screws. The flap settings were checked frequently using a\surveyor 8
transit and were estimated to pe accurate to well within a quarter of

degree.

Several photographic techniguzs were used as alds in determining
regions of separated flow and in Interpreting the measured pressures
and aerodynamic heating rates. Virtually all of the better flow -

hotographs obtained are reproduced in the various data reports
Refs. 5 through 23).

Profile schlieren and shadowgraph photographs were useful in
indicating boundary layer thicknesg, transition, separation and the
accompanying shock wave patterns. .Schlieren motion pictures, when
reviewec at a much reduced speed, showed that separaﬁed Tlows were
stable.

Charring of a thin coat of ordinary white enamel paint, sprayeé

on the Hotshet 2 model, clearly indicated regions of high asrodynamic

heating rstes. However, only marginal results were obtained from -
paint tests in the Grumman Hypersonic Shock Turnel. A -slight dis-
ecloration occurred, rather than decisive charring, protably due to
the much shorter durations of the shock tunnel flow and nonsequent
less tctal heat fiow per test run (Refs. 7 and 1C}. ' -

Oil film flow photographs were obtained in the AEDC 40~inch
supersonic tunnel. A thin film of oil, which was fluorescent under
ultraviolet light, was sprayed on the model at the outset of -a test

run. The tunnel flow was started and the fluorescent oil gilm,A~?:~ N

observed as the desired tunnel flow conditions were reached. When
the 01l film flow pattern had become establlshed, anhd steady, it was
photographed. The model angle of attack, or flap deflection, was
then changed to the next desired setting and the new oil film flow
pattern pnotographed when it became established. -This was vepeated
tar several c¢ifferent test cenditions befure a major portlon of the
oll huad evaporeted or blown downstream off the surface of the model
{Refs. 1l and 23).

Model Qascriptions

As indicated at the outset of this section;, and in Fiz. 1 on
page 2, Clowa over four basic configurationg wWere investigated: &
flat plaﬁe with ramp shaped flaps, another flat plate with wedge
shaped fing, a delta wing bedy combination, and & pyramidal con-
Piguration having a triangular cross ssction. Eleven wind tunnel
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models, each having several geometric variations, were required:
seven for th: continuous flow tunnels; ona for Hotshot 2, and three
for the frumman Hyperscenic Shock Tunnel,

Four models for the continucus flow tunnels were instrumented
for both pressure and heat transfer measurements, Our irnnovation of
the use of honeycomb sandwich construction for the planar portions of
these models avoided many of the usual problems associated with thin
wall heat transfer models and led to exceptional accuracy in the
heat transfer data (Refs., 2 and 3). ’

The honeycomb sandwich panels are composed of 1/4 inch thick,
stainless steel honeycomd having 3/8-inch cells, sandwiched betwesen
0.018-1inch-thick stainless steel sheets. The honeycomb webs were
Just 0.002 inches thick and were perforated tc ensure préssure
equalizaton. Thermocouples were spot weldéd to the inner surface of
the outer wall of the honeycomb sandwich in the middle of individual
honeycomb cells, These panels permitted the use of considerably
thinner walls wilthout buckling than those possible with standard
"thin wall" models or those obtained by milling local thin spots in
thick wall models., Thusg résponse time was faster, corduction effects
were greatly reduced, and the heat absorbed by the mcdel was minimized
(thereby substantially reducing the cooling time required). Further,
the wall heated more uniformly, subject only to the distribution of
aerodynamic heating rates, and local hot spots and large heat sinks
were avolded.

To make optimum use of the continuous wind tunnel test time and
eliminate time consuming shut downs required for minor model changes.,
the aerogqynamic control surfaces on several of the models were re-
motely actuated., A speclally desligned water cooled actuator housing
was fabricated and used interchangeably for the three pressure and
heat transfer models having moveable control surfazces. The houzing
was attached to the basé of the model and then the entire modzl-
housing unit was sting mounted (See Fig. 25a). The housing contained
three ea§n: drive mscrews, motors, and linear potentiometers (sce
Fig. 25b).

Three flat plate models with ranp shaped flaps were used. The
models rad machinred sharp-leading edges, square planforms, and their
lower surfaces formed 40Y expansion corners. Two models, for the
Mach £ and 8 tests, had 12-inch-square planforms while the third
model; tested in the Grumman Hypersonic Shock Tunnel, had a 6-inch-
square planform, ILine drawings of the larger models, showing
instrumentation locations and flap geometry, are given in Fig. 26,

One of the larger models, instrumented for both pressure and
heat transfer measurements, had three sets of remotely controlled
flaps: a forward flap with 90° travel, an essentially full span aft
flap with U5 degree travel, and a partial span aft flap with 45 degree
travel, A pnotograph of this mcdel, with end plates attached, is
shown in Fig. 1, page 2. The expansion corner formed by the inter-
section of the lcwer surfaces of the model had replacecable sharp and
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b) Drive screws, motors, and potentiometers

Figure 25. Water Cooled Actuation System
for Remotely Controlled Flaps
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1/2-4inch-radius corners. The expansion corner instrumentation was
similar to that for the larger tlat plate fin model (Fig. 27).

The otner model showr. ir: Fig. 26 was internally cooled by a
mixture ©of low temperature oxygen and nitrongen., The model had
attachable full span, ©5 percent chord, traliling edge flaps having
ramp arigles of 10, 20, and 30°; and an attacrable partial span, 30°,
trailing edge flap that wag also internally cooled. The coolant was
supplied to settling chambers iIn the basic model and in the ramp and
was then pascsed through channels adjacent to the flat plate and ramp
surfaces. Because of its high thermal conduciivity, the coolant
channels were fabricated of thick berrylico sheet in the attempt to
maintain as unifrom a wall temperature as possible., As shown in
Fig. 26, botn the upper and lower surfaces of the model had compara-
tively 0 .ase streamwlse pressure instrumentation. Six .Lotal pres-
sure, forwaru ané rearwvard faclng, Stanton tubes were mounted at two
stationrs downs.ream of the sharp expansion corner.

The Grumman Hypersonic Shock Tunnel model had 150, 30°, and 45°,
full sjpan, 25 percent chord tralling edge ramps. It was instrumented
with 10 pressure gauges and 10 heat “ransfer gauges. As for the
larger pressure and heat transfer model, the inboard pressure and
heat transfer instrument distributions had to be oifset slightly
from the model centerline (Fig. 26a). Further descriptions of these
flat plate models with ramp shaped flaps are available in Refs, 5
thrcugh 7.

Fin plate interactions were investigated using two flat plate
medels with 309, ¢otal angle, wedge shaped vertical fins mounted on
their upper surfaces (see Fig. 1, page 2,and Fig. 27). Pressures and
aerodynamlic heating rates were measured on both the plate and fin
surfaces of both medels. The larger model had a 12-inch-square plan-
form. The lower face of the model intersects the flat plate upper
surface at 300; both the leading edge and the 30° expansion corner
on the lower surface are machined sharp. The lower surface instru-
mentatlon is similar to that for the pressure and
hea% transfer model shown in Fig. 26a). A total of four fin con-
figurations were mounted on the upper, flat plate surface of the
model: "smali" and Tlarge" fins with sharp and blunt leading edges.
The sharp leading edge fins have 8 inch chords which are reduced hy
about 8 percent for the 0.25 inch radius blunt leading edges. The
height of the "small" fin is 1.25 inches and that of the "large" fin
is #.,00 inches,.

The other fin plate interaction model, tested in the Grumman
Hypersonic Shock Tunnel, had a 6-inch-square planform and 4-inch-
chord, sharp leading edge, {ins geometrically similar to those on
the #fapger model. Further descriptions of the fin plats interaction
models are avallable in Refs. 7, 10, and 11.

Three models of the clipped delta wing body combination wers
reguired for the force, pressure and heat transfer data for a "typical"
hypersonlc winged re-entry configuration, A rear view photograph of
the model mounted in the AEDC 50-inch Mach 8 tunnel 1s shcwn in
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Figure 27. Line Drawing of Fin Plate Interaction Model
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Fig. 28. The actuator housing for tue flap driver and controls is
evident immediately behind the model. The basic pressure and heat
trangfer model consists of a spherically capged cylindrical cabin
mounted on top of a blunt delta wing with AO0Y sweepback. The delta
wing has clipped tips and a thickness equal tvo 10 percent of the
virtual length of the model. The cabip height is equal to the win
thickness.
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Figure 28. Photograph of winged Ke-entry Coufiguration
in the AEDC 50-Inch Maci 8 Tunmel

The model has three, remotely controlleld, trailing edge {lsaps;
two outboard "aileron type" flaps, cxtending from the cabin-wing
functions to the snouiders of the cylindrical wing tips, and one

split" fiap on the lower surface of the wing, extending spanwise
betweer, the cutboard flaps. The flaps are rectangular and have
cherds equal to 15 pevcent of the virtual length of the model. Each
{lap isoindividually centrollable; the outboard flaps have a travel
of # 4O° and the center flap on the lower surface has a travel of
+20°, Flap ceflections are defined positive for downward deflections

of the fiap tralling edges.

The model has atvachable tip fins, a tralling edge spoiler, and
an attachable conicel fairing for the spherically capped cabin. The
fing ar=s attachatlie to the cylindrical wing tips of the model and
have eylindrical lezding edges with 50° sweephack. The spoiler 1s
sitarhiable to the lower surface of the model, spanning the distance
vetween the tip fins, and has 3 height equal to the vertlcal projec-
tion of tne trailing edge filaps when deflected 20°. The instrumenta-
tion locatione are inalcated in Filg. 29.
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The pressure and heat trarsfer model was limited to a 12 inch
span to it irside the conling shoes for the AEDC 50-inch Mach &
turnel. A geometrically similar model, but with a 16.8 inch span,
was used to okbtain s8ix corponent {orce and moment data in the con-
tinuous flow wind tunnezls. As indicatad in Fig. 30, the halance
cavity extended into the conical cabin fairing and ali force data
were cbtained for this conical cabln configuration.

Three water cooled electric motors were contained within the
force model and usad to control the aileron-type tralling edge flaps
ard the movable apox of the delta wing. Attachable tip fins, full
span +20° trailing edge flap, and trailing edge spoiier were provided.

A third geometrically similar model, having a 9-inch span, was
tested 'n the AEDC Hotshot 2 hypervelocity facllity. Further

descriptions of these wing body models are giver ir: Refs. 12 through
14, 16, ancé 18.

Finally. tnree models of the pyramidal configuration were
required for the force, pressure, and heat transfer data. The con-
figuration has a triangular cross section with 35° @ihedral angles
(zee Fig. 1, page 2). The lower surface of the model is a blunt
delta wing with 700 sweepback. The planar portions of the dihedral
surfaces are right triangles and are connected by a cylindrical
segment that forms the model'!s ridge line. The three cylindrical
leading edges and the sphevical nose haye the same radius (also the
same as fcr the wing-body configuration). The cross sectional
shape is the same as one of the ASD-General Applied Scilences Lab-
oratory pyramidal models tested in the AEDC Hotshot 2 hypervelccity
facility (Ref. &b6).

Y AR T L Gl A v

A pnhotograph ot the pressure and heat transfer model in the AEDC
40-inch supersonic tunnel is shown in Fig. 31. Again, the same f%ap
actuator housing as used for the models described earlier, is eviden:
immediately behind the meodel, The model nas {oup, remotely controlied,
trailling edge flaps, one on each dinedral surface, and two on the
lower surface tliat are actuated &s a palr. The flaps have rectangular
planforas, and their hings linea are parallel to the base of_the medel
(perpendicular to the ridge line}. The chords of the remotely con-
trolied rlapsz are 15 percent of the virtual length of tne mcdel. The
fiaps are deflectable at angles tween 0° and 400, measured in the
planes normal fc the flap hinas 4 In additicon to the remotely
ted flaps having a set deflec-

he model reference
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Figure 31, Photograph of Pyramidal Configuration in
the AEDC 40-Inch Supersonic Tunnel

The model has attachable canards (Fig. 1, page 2) that have
cylindrical leadling edges and 45 sweepback., A ventral fin is attach-
able on the lower surface of the model between the trailing edge
flags; it can be set at fin (or rudder) deflection angles of 0° or
+15 (trailing edge left), ané has a chord equal to 15 percent of
the model reference length., Instrumentation locations are indicated

in Fig. 32.

The flaps on the dihedral surfaces of the force model (Fig. 33)
were remotely controlled using water cooled motors and potentiometers
contalined within the model. The lower surface flaps were individually
attachable (sideslip force data were obtained for asymmetric lower
flap settings). The upper surface, port dihedral flap is supperted
by a force balance beam which 1is instrumented for fiap normal force,
hinge moment, and twisting moment; flap loads are presented in Ref. 23,

Finally, pressure and heat transfer data were obtained on a
geometrically similar model in the Grummag Hypersonic Shock Tunnel.
The model had a six-1inch span and only 40 flaps were tested. Further
descriptions ¢f these models are given 1n Refs., 19 through 23.

Sample data obtained on the wing body and pyramidal configurations
are presented in the olliowing sectilon.
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HYPERSCNIC AERO

Coiitrols are required to provide maneuvering c<apability for flight
vehicles and can also be used to supply the aerodynamic stabllity and
trim necessary to maintain an equilibrium fiight trajectory. The most
economical and straight-forward type of control for a vehlicle flying
in the atmosphere 1s urually an aerodynamic surface, but the applica-
tion of aerodynamic control surfaces tc¢ hypersonic flight vehicles
presents many formidable problems, For flight at very high altitudes,
thick boundary layers and low dynamic pressure may render aerodynamic
controls ineffective; extensive separated flow regions Induced by
deflected controls can alter the aerodynamic load distribution and
stability characteristics throughcut the flight regime. The over-all
stablility problems are aggravated by the largze ranges of speed and
angle of attack enccuntered by hypersonic flight venicles. Further,
these vehlcles, as envisioned to present, tend tc have compact
gecmetries and therefore require hiigh control loads to produce useful
moments about the r.cnter of gravity.

Although innumerable contrcl configurations are possible, the
general problem areas can be investigated using a limlted number of
different types of controls on simplified configurations. Thus, the
models described in the preceding section were used only as carriers
Jor a wide assortment of aerodynamic contrels and are not proposed as
getual flight configurations. They served to generate different types
of hypersonic flow interactions and provided information on control
characteristice and effectiveness, The data obtained on the typical
hypersonic flight configurations are readily available in a series of
Air Force reports (Refs. 9 through 23, see Fig. 1, page 2). The
reports contaln piots of all the pressure, aerodynamic heating rate,
force, moment, and flap load data, and 2l1lso many flow photographs.

This sectlon contalns selected data from the broad experimental
program on the effectiveness ¢f aerodynamic controls for hypersonic
ficw conditions. Representaztive results are presented for tralling
edge flap type controls. The term "flap" 1s used herein tc denote
controls with a general type of geometry, rather than thelr function,.
Thus, trailing edge elevators, allerons, or elevons are all referred
to ag flaps. Results for the other aerodynamic controls tested and
salient aspects of the data are discussed qualitatively.

We also present, in the Appendix, a2 synopsis of the information
on aypersonic asrodynamic centrols available in the literature. For
a number of these reports we present, in tabular form, information
on the control tcested, the vehicle configuration, the test conditions,
and the data obtalned. The remalnder of the reports listed in the
Appendix will also be of great interest to those working in the fleld
of hypersonic aerodynamic controls.
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Delta Wing Body Comblnation

Partial and full span flaps were tested on the trailing edge of

a blunted, 600 sdeepback, delta wing with cl’pped tips and an over-
giung boqy (sce preceding Sect}.LOn The partlal span flaps were
independently operated {travel angle oi!=ﬁ00), and data were cobtained
for batn symmetrlc and asymmetric flap settings. The wing apex was
deflectable (travel anﬁle of £20°), The model also had an attachable
trailing edze "spoiler" (used in this case to generate pressures, like

a +90° fiap).

The basic wing-body combination provides controls information fcr
configurations having either overslung or underslung bodies. For con-
venlence we have chosen the overslung body configuration as our refer-
ence and we have defined the coordlnate system and control deflection
angles with reference to this basic configuration (positive control
deflection angles increase Cy foram0), Thus the positive angle of
attack regime for the oversiung body provides the aerodynamic data
for the underslung body at negatlive angles of attack, The sign of
the flap deflection angles, for the underslung body case, must be
reversed so that both cases are viewed 1n the same reference system.
This definitlon fixes the flat plate surface of the wing as the lower
surlface for the results presented herein., The angle of attack is
positive when the flat plate surface 1is windward. The static longil-
tudinal aerodynamic characteristics at Mach 5 and 8 of this tasic
coafiguraticn are shown in Figs. 34 through 36. Increments due to
syimetric deflections of the tralling edge flaps are presented in
each figure, Fig. 34 also presents “he angle of attack for zero
normal force and Fig. 35 presents the trim angle of attack; these
are presented as functlons of the flap dei'lection angle.

The [laps are effective ir producing force increments through the
entire angie of attack range and are most effective when deflected in-
to the incident flow, The normal force increments increased with
sngle of attack for positive flap deflections at positive angles of
attack and negative flap deflections at negative angles of attack up
to angles of attack of about +30° and -30°, respectively. Beyond
these angles of attack the incremental normal force coefficlents
decreased with increasing angle of attack. At high angles of attack
and large flap deflectlon angles, the flap 1s almost normal to the
flow and contributes little to the normal force coefficients. The
geometric effects can be seer by comparing the curve of ACy for
8L, = SR = 20° and 40°, For the 20° flap deflection case, %he peak
ACy occurs ata =400, ‘while for the 40° flap deflection case, the peak
ACyN occurs ata-25° It 1s also noted that the flaps produce
incremental normal force ccefficlents tlirough the entire angle of
attack range, even when they are deflected out of the flow (Fig. 34); in
part this 1s due *o the pressure rellef on the windward side of the
model.

With the moment reference center at 60 per cent of the virtual
root chord the basic configuration was statically stable at Mach 5
and 8 for the middle portions of the angle of attack ranges for all
fiap deflections tested (Fig. 35). Based on the trim angles obtained
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Figure 34. Normal Force Coefficients for Delta Wing
Body Combination with Symmetric Flap Deflections
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at Mach + 1% 1is bvelieved that a trim point would be fecund ot Mach B
for the 40° flap deflection if the tests had been extended to higher
negative angles of attsck, Althiougn trim points were found for all
flap deflectiun angles at Mach 8 there are large ranges of angle of
sttack where the stabllity of the coniiguration, using these flaps,

varies from marginal to neutral.

Strong pitch-up (indicated by a decrease in restoring mcment
negative at+a and pesitive at -a§, 1s observed when the flaps are
deflected into the flow. The angie of attack at which pitch-up occurs
i3 strongly dependent on the flap defiection angles, This dependency

18 caused by the extensive separated flow areas inducec by larze flan
deflection angles. This flow separatlion tends to limit the vressu.e
rise on the flap but induces a strong pressure rise on the wing forward
of the flap ninge line. The forward movement of the zenter of pressure,
due to this effect, sharply decreases the piltching momentsz.

In the angle of attack range where the flaps arc deflected into
the flcw, and prior tc the onsef of pitern-up, these flaps are effective
generators of restoring moments for both the overslung and undersliung
configurations. Due to the marginali stability when the flaps are
deflected out of the flow, the trim points are not well defined.

The axial force coefficients, and the incremental changes due to
symretric flap deflections, for Mach 5 and 8 flecws, are presented in
Fig. 36. As expecied, the axial force increments induced by the flaps
are positive and large wnun they are deflected into the lacident fliow
ard small, or negatlvs, when they are retracted out of the flow. Tnese
negative ivicrements imply a reducction of the azizal foirce coefficlient by
the retraction of a sector o the wing from a high pressurs area. This

(Y

same effect can be sgcer: 1. the normal force crefficients.

The addition of tip fans tc this confilguracion produced increases
in the normal force coefficlents and the axla’ {orce coefficients at
both Mach 5 and 8, The effectiveness or the [laps increased in the
presence of the tip fins. The slope of the resulting pitching monent
curve increases and the extent of the marginal stability range was
decreased. The presence of the {ins narrowed the latitule of trim
angles assoclated with flap deflection., These effects are fllustratzd

ir. the following sketch,

Comparigons were obtained vetween the partial span trailing edge
flaps and & full span flap for a fTlap deflection angle of +20¢, A
full span spoiler, having the same height &s the +20° flap, and a
deflectable apex were also tested (see preceding section for further
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description of tnese controls). As chown in the follewing sketches,
the addecd controt surface area of the full span flap produced pogitve
nc mal and axial ferce increments and szironger restoring momerts. The
full span speiler was effective in producing increments of normal
force and restoring pltehing moment when it was exposed to the flow,
The effectiveness, approximately the same as the full span flap,
increased wlth increasing angie of attack in the angle of attack range
of 0V to +25Y, It also produced increagea in the axial forge
cosfficients. The deflectable apex, altheigh 1t producted slignt
incremenis In normal foice and pitening monents, was not as effective
as the other contreis investirated.
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The lateral and directioral characteristics of the alleron type
flaps on the basic configuration are shown in Fig. 37. The alleron
controls are effective over the range tested whether they are deflected
separately or dirferentially. Around ¢ =0, the individually deflected
flaps produce lower rclling moments and higher, adverse, yawing noments
than the differentially deflected flaps. As the angle of attack is
increased. and one of the differentially deflected flaps 1s shielded
by the wing, the differences in response of both types of roil control
Giminish. The effectiveness increased with increasing control deflec-
tion and increasing angle of attack. The adverse yawing moment also
increased with increasing control deflection and angle of attack with
the exception of the region arounda a~ 0 where differential f{lap
deflections tended to minimize the adverse yawing moments. When bcth
flaps are exposed to the flow they produce oppcsite {cancelling)
vawing moments except for the Interference loads induced on the body
that are generally quite small. The addition of the fins had little effect
oin the yawing moments (B =0) but did, in general, increase the rolling

efiectiveness,
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Figure 37

Lateral and Directional Characteristics for Delta
Wing Body Combination with Asymmetric Flap Deflections
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We have alsc included¢ a groun of pressure and heat transfer
distributions in order to provide a better understanding of the
effects of control deflection and angle cof attack cn the aerodynamic
characteristics of the vehicles (Fig. 38). These distributions are
reprecantative of those obtalned at Mach 5 and 8 and do not necessarily
Indicated the peak values that were induced by interference effects,
For comparison purposes we have also included sample Mach 19 data.
The complete pressure and heat transfer distributions can be found in
Refs. 9 through 17, a few of the results are summarized here.
Evident immedlately is that control deflections produce large increases
in pressure and heat transfer on the control itself, Moderate deflec-
tion angles and angles of attack (a==20°, §+20°) do not induce
extenslve separatior forward of the hinge line, Large flap deflections
induce separation far forward of the hinge line at all angles of attack
while at nigh angles of attack all flap deflections tested induced
strong separation effects forward of the hinge line. These observa-
tions on the pressure distributions explain the increased ccontrol
effectiveness in the low and intermediate angle of attack and control
deflection ranges (due to pressure increase on controls that are aft
of the moment center), and the decrease in effectiveness at high angles
of attack (due to pressure decrease on flap and pressure increases on
wing forward of moment center).

The heat transfer data, presented in Fig.38, show extreme heating
rate values on the flaps at high angles of attack and large deflecticn
angles., In some cases the measured values exceeded those calculated
at the blunt nose stagnation point. This heating problem 1s a major
stumbling block to the deslign of hypersonic aerodynamic controls.

Pyramidal Configuration

Tralling edge flaps were also tested on the blunt pyramidal
configuration described in the preceding section (Fig. 33). The lower
surface, a 70° sweptback delta, and the upper (dihedral) surfaces,
have 15 percent root chord trailing edge flaps., Angle of ettack is
referenced to the lower, delta wing, surface and 1s positive when
this surface is windward. The dihedral surfaces are allgned with
the flow, and their flap hinge lings are perpendicular to the flow,
at a model angle of attack of 14.3”, Flap deflection angles, whether
for the upper on lower surfaces, are positive when deflected away
from the surface,

The static longitudinal aerodynamic characteristics of the basic
pyramidal configuration are shown in Figures 39 through 41, The
experimental data are presented and also the increments due to
symmetric deflections of the upper or lower flaps. The angles of
attack for zero normal force and the trim angles of attack are
presented as functions of the flap deflection angies in Figs. 39
and 40.

As for the wing-body combination, the flaps were effective in
rroducling useful normal force increments and restoring pitching
moments when deflected into the incident flow. When, however, the
flaps were shielded by the body they were 1lneffective as controls,
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The normal force Increments increased with flap deflection angle and
angle of attack; the increases being in the positive angle of attack
range for the lower surface flaps and in the negative angle of attack
range for the upper surface flaps. With ihe moment references center
at 60 percent cf the virtval length of the model, this configuration
was statically stable for all flap detlection angies at Mach 5 and 8.

Trim points were found for all flap deflection angles. The spread
of trim points was small (froma ~ -10% to a ~+20°) and there were not
any regions of neutral or marginal stability. The data available
indicate that, 1f the tests had be -~ extended to higher values of
angle of attack, a pitch-up proble.. would have been encountered.
Generally speaking the increments in restoring pitching moment co-
effilcients increased with both flap deflection angle and angle of
attack, Deflection of the upper (dihedral) wurface flaps produced
larger axial force coefficients and larger increments than the lower
surface flaps.

The longer chord lower surface fiaps (25 percent root chord)
produced modest increments in normal force and restoring piltching
moment, as indicated in the following sketch.

CN Cm

<)y +)

-) (-

Short Chord Flaps
Long Chord Flaps —=——~—

Effect of Flap Chord on Pyramidal Body

The lateral and directional aerodynamic characteristics or this
configuration due to single flap deflections are shown in Fig. 42,
A strong, unstahnle, yaw-roll coupling exists similar to that for the
singly deflected alleron type flap; some form of differential flap
deflection wouid bde required to eliminate this problem,

The canards, when mounted on the basic pyramidal configuration,
produced positive increments in noermal force, axial feorce, and nose-
up (destabilizing) pitching moment. The small ventral fin (see pre-
ceding section) had negligible effect on the normal force. It produced
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small increases in the axial force and ncse-down (stabilising) pisci-
ing moment; in the low side-sllp angle range it provided n+ siznificant
improvement over the basic body., These effects are i1llustrated in the
following sketches.

::: )8
("} ==
CY
Ca -)
(+)
+)8
(-) (-}
CI Basic FPyramidal Body
+) Basic + Canards —m= = e
)8 Basic + Ventral Fin « e e we

Effect of Firs and Canards on Pyramidal Body

In addltion to the six component force and moment data for the
configuration, three component flapr loads were obtained for all test
conditiong, Plets of the flap aormal force, hinge moment and twisting
moment for the particularly wide range of test conditions indicated in
Table I, page 43, are presented in Ref. 23.

Typical pressure and heating rate distributions along flap center-
lines are shown in Fig. 43. The pressures and aercdynamic heating
rates exhlitlt generally the same effects as previcusly noted for the
flaps on the wing boiy combination. Again, some representative
nhypervelocity (Mach 21, Ref. 22) data are included. Plots of 31l the
pressure and heat transfer data are readily avalillable in Refs. 13
through 22.

Sceme of the results of the investigations described in this
section may be summarized as follows:

1) Trailing edge flaps of reasgonable proportions are sffective
pitch and roll contrecls in the nypersonic regime and are
effective trimming devices,.

Qo
ot

Tip fins reduzed trim angle changes due to flap settings,

Strong, adverse yaw~roll ccupiing results from the uss of a
single flap (particularly fora = 0); differential flap
settings reduce this considerably.

(v
P
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Deflected flape induce separated flow regleng on the vehiz.e
surface forward of the flap and produce very hlghi heating
rates and pressuvures on their own surface and incresse ihe
heating rates and pressures on the venicle surface foerwaro
of the flap.

o

ull span flaps, full span spolliers, and canards are alsc
ffectd

ctive pltch control devices.
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CONCLUSIONS AND RECOMMENDATIONS

Only the more salient aspects of our research investigation of
hypersonic flow separation and control characteristics are presented
in this secticon. The entire report, by its format and intended
nature; is a summary cf conclusions drawn from the preliminary
theoretical and experimental investigations. The experimental results
were disseminated widely (Refs. 5 through 21) because of their time-
liness and tre need for hyperscnic flow cata, but much work remains
©o be done in analyzing the data and understanding the observed
nhenomena.

Aerocdvramic heating rates, pressure distributions and loads are

severely aftected by separation. The extent of separation depends on
he nature ¢ the boundary layer, stream conditions, and model geometry
Three~dimensional effects are of first order importance for the highly
vortical reverse flow in separation regions. Thus, even for the
seemingly two-dimensiocnal models (flat plate with trailing edge fiaps),
the separated [low 1s essentially three-dimensional in nature and
strongly aifected vy finite span effects. End plating the model
prevenced ventling of the trapped reverse flow in the separation region
and doublied the extent of separation. This greatly changed the chord-
wise pressure and hezting rate distributions, increasing their values
on the plate surface while decreasing their values on the flap surface.

Streamwise pressure and heating rate gradilernits are extremely
large Just pricr to reattachment and lead to exceptionally high
pressures anag heating rates downstream of reattachment on trailing
eage flaps. In rany cases the peak pressures and heatil..g rates re-
corded on the tratlling edge flaps were more than twice as large as
blunt nnse stagnation point values. These high values result from
the {iow being compressed through many oblique shock waves, thereby
avoiding strong normal shock losses., As expected, these effects
become more proaounced for the higher Mach number free stream flows.

Leading edge separation and flows over sharp expansion corners
were investigated to determine the fluid flow mechanisms responsible
for breakaway separation. This type of separation occurs at convex
ccrners where the local pressure gradient, in the inviscid sense, 1is
favoranle. It was found that in the complete zabsence of adverse
pressure gradients, even for machlned sharp expanslion corners, no
flow separation cccurred. The exlstence of an adverse pressure
gradient is a necessary condition for separation. However, for
breakaway separation, the adverse pressure gradlient can be far
downstiream, the pressure rise effects are propagated upstream through
the boundary layer. Thus, as for standard boundary layer separation,
adverse pressupe gradients were found to be the prime cause of break-
away separation.
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The interaction due to a fin generated shock wave with the
boundary layer on a flat plate is fundamentally different for super-
sonic and hypersonic flows. In supersonic “lows, the region of
separation on the plate surface is limited to the vicinity of the
shock wave. In hypersonic flows, the separcted flow region on the
plate extends from the fin root to far outboard of the shock location.
The line of separation, far enough downstream of the fin leading edge,
more nearly follows a conical ray emanating from the fin leading edge.
The large extent of the separated flow region, in part 1is due to the
thickness of the hypersonic boundary layer.

Separated flows ahead of trailing edge flape on typical hypersonic
flight configurations are predominantly three-dimensional. Spanwise
gradients of pressure and heating races are equal in magnitude to
their streamwise gradients. When finite span effects are better under-
stood, it 1is recommended that leacding edge bluntness effects also
be investigated. These effects should then be included, probably
empirically, in establishing engineering methods for predicting the
extent of separation ahead of tralling edge fiaps. Probably in con-
Junction with the aerodynamic neating rate estimates, engineering
methods should be developed for calculating shear fcrces.
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APPENDIX

DATA TABLES AND BIBLJCGRAPHY

This sectlion lists many reports that contain information pertain-
ing to aerodynamic control characteristlcs with emphasis on hypersonic
flows. The types of informaticn contained in many of the reports are
outlired in tabular form. The tables provide the reader with a rapid
method of determining the general type of information contalned in
each report or, conversely, just which reports contain the information
he desires.,

The tables give the type of control investigated, the cornfigura-
ticn upon which it wae investigated, the test conditions, and the main
information presented in each of the referenced reports., Ar “X" in a
1row in the data section indicates the data that are presented in a
given report. Similarly, in the configuration section, an "X"
indicates the configuration upon which the listed control was investi-
gated. In order to maintain the ftabular data form and still present
a maximum of information, the letter code on the following page was
established and used to provide the additional information in compact
form.

The tables supersede those in our preliminary survey repoert

(Ref. 1). Many additional references have been adced and more in-
forma.ion is tabulated for each reference.
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LETTER CODE FOR DATA TABLES

Tip Control
Canard
Spoiler

Nose Cant
Nose Spike
Uaswept
Swept*

Delta*
Trapezoidal Wiag
Arrow
Circular

Air Tunnel
Helium Tunnel

Free Flight

N

> Control

? Wing Configuration

Test Facility

Leading edge sweep indicated in tables.

88




~
Reference
Numbers A 003 A USs A 006 A 07 ¢ ord
Flap x x x x x
4 P -
8
L] Fin |
c 1
o
O
Other A, © 8
Wing X % x x x
o 4
= € f r n )
= Uing 8
§ Planform 6c° 567
3
g
“ Body
O S a—
Q
Wing-Body !
Control
Range of Lo 6.9 1.6}, 1.6% 1.61,
Mw 2.01 2.03
Range of 1.5 3.96 b17 1.74, 3.74,
Re /Ft x 10~ N
"l 3.68 5.7%
hid ot ————
-]
3 & ¢ [s) o -15 0
4 I Rarge of Lo 1o L3 to to ta
}5? G 10 16 1% 15 +15 1:
© iy -1z 1) 3 ~30 ~50 -0
t;: Range of s e Lo 3 to 3 to
[3 5 +18 +12 «1€ +30 +30 5 +30
Range cf o o G 0 0 o
8
- s S
Test i
facility £ £ z 2 ; £
—— A,
H
. Force " x x N
S — -
-
‘é Pressure X .
3
¢ Bl yeat
S '8l Transfer
6
& O Thecry x < i
Experimen i
~P ¢ x X A X X
For~e
~ -~y
o {Hinge
n?: Moment x x x «
2
“ | Pressure «
-4 X
t O e
L o Heat
gg Transfex
U - -
Theorv x x
Experimeit x X > ~ x £

89




L £ SRTIATIL? Y s - . _ - “

i nnsas v« RCHETEREIO RS ,wi

- — S ——
Reference ! [ i |
Ao Ao A ACIZ 1 A3 N PO A S
Numbers l ; 11 A c)e E |
o R P
' Flap ! - X x X x i *
-t b Pt e m———
-3 | 1
ot Fin i i
3 o SN S I
4 M : T T
Othar a, o - N i e B, ¢ ;
-k P il L S |
Wing x - x S x x X
e ¢ N s i mnn — s v —p "“—"'L
58 € i ws 8 1 b B N : 4
S lwing i
E ?lanform e €20 o 560 :
2 3 —
3 = .
£ w~ | Rody ! .
H £ e 1 - SN —
s  Wing-33dy
i Control
! Rangs of 1.6, 1,44, 1.5 1.61 1.42, .61, 1.41,
M P 2,61 i .o 2.0t 2.M
- U SR : .%,.
71 - o s 7l H Y
Range of -6 1.7k, 3.68 k1% 3 L7 3,748, i 1.7
j Re_jFt x 10 3.8 s e
| 2 -
¢ 3 -1 | -15 5 : -15 (
g + lRange of to to to t o 1 T
2 ; a 417 +15 12 1 4.7 2.3 15
H ' § o — e -
3 -50 -20 <3¢ -3 gt -3 -3¢
o Lo .
3 w | Range of Lo to ta 2 to L0 to
H 3 b +60 +20 *30 430 43 s22 +3¢
: o men
. i
Range of o o o - ~ o
)
—— — } -
: fest t ) : t p 1 :
f‘clblty
b . fp——— - ——
Force ; X ¥ i
€
Q ————
o
s Pressure - x x % x X
| 8 -
~] Heat i
3% Transfer L
a3 5 —_— - ~
A 9j theory % ;
1 —— ——r— ———— —— ———
Expceriment * x x x x X x
roxce i
1 - . R
2 s 3 I~
3 jrAnge ~ ! x
&1 ment i
g b - o — . ~,r‘-
A | Pressiva ! x x x x ¥ »
F} -'; pr—rne - e e ~ e i,
* : Heut
gﬁ Tranefar
< - - oy e e s
| Theoty A N R 1
3 LExparmnt i x H x - i % N x —] x x

PEHEABE UM smvmas o -




Kefrrente A 017 A OIR Ay A020 | A OR A 022 A 023 A 02k
Nembers

o -
Flap x x X . x % x x

3o f——t -

~ | Fip x X

o~ L}

]

2 = - 1
Other a u b v q
Wing 3 r x

= h

£ | wing £ N b o3 n 'y h n

G lw

5 lanform 1750 73° 23° &0° 72.9 63° 2¢ 75°

)

i

<
wing—.;Ody x x I4 X x x
Contuol

£ 2.b 2.21 2.01 1.41, 2 2.01 0.7 2.91
Range o to to
M 2.01 1.96 2.2
{
t
A2 2.b 1.0 2. 6.1 2.48 2.5
‘ Range of -6 3 243 ! ! “
Rew/Ft x 10 2.9 8.6L
-

3 ] -4 ¢ -z -16 0 -6 .3

o | Range of 1o to to to to to to to

3 o 10 420 96 s27 +10 % +18 +50

e

[e] e 4 W s el p— p——

© .18 -0 5 ) -3¢ ) T -70

:i:’ Yange of tc,) Lo te to to o te Ec

o by j 15 30 3 -28 <0 -3 -20 +70

=

W e e p—— B
5 - ¢ 3 h
Range of t o :{? c ta L to o l[&g
8 bl 1 o
Test
!
Faeility £ ! ¢ 2 t ! L £
Force b3 x ! x x x x x x
c
]
Lol
Litressure x
e

! ;%’ Heat

g“g Transfer

8 o Theory H
Lsperiment X X x x x x x %
Force

2. -
@ !{iﬂg? % x

s | Moment

“ T
3

» | Presgure x

Land

] 8: —

% & 1 Heat

% & iTransfer

&3
Theory
Experiment ! x

91

s ntd g




Bie  SUERRAITIR ] o

Reference
A 025 AD A ¢ A o3 032
Numbers 25 26 027 A 028 A 029 A 030 531 A 03
Flap x x x ¥ x x X x
it
(=}
b Fin x x x
e
Q
Q
Other ¢ d a, d d
Wing x x
g Ving ) b4 8-y e 8 h h h
3 bel Planf 65.9 o inboa-d 76 o
3 p aniorm 73 4= 70 putboard 60 8.0 73° 79
&z ‘5 77’!‘
*
£ g Rody
i S
;, wins-my X X X X b4 X
: Control
1.6€ 3.0 2,-" 1.62 2,62 €.7 8.08 6.7
Range of to % to to to
M 4.65 5.u3 '3 ;9.6 9.5 18.4
t-
3.02, b7y L 3.0 1.2 1.2 2 1,25
:‘“%: of 1076 to 2 to to to
e/t * 5.55 9.3: ¢ 4 4.0 8.6
2 U .‘-m_._ﬂa—.__.r‘.
s -3 -2 2 -5 -5 -3 -25 &
3 L | Range of to to 0 to to to to te
; % a +16 +12 12 +25 +25 +12 +50 5€
3 —
e 0 30 0, 415 +10 Noee G-20 0 Flap % o
% | Range of to to to to Jrherss to -30, Kose
2 5 -20 +35 126 -39 -20 S ~20 -u5 C to ~2¢
{ o, o +2 -3 o, ) 0]
Range of to to
8 -4 -15 +20 + L
Test
|/ £ i,
Facility » T ! L Ly m ! 1 £
|
Force x X x x x b3 x %
§
b
4| Pressure
I
! § Heat
3“& Transfer
o 0
& 0| Theory x
Experiment x x x x x x x x
Force
° Hinge
% Moment x
a3
@ | Pressure !
~ i
X
o o ; Heat
gg Transfer !
(8]
Theory x
Experiment [

92

F et e 4




Reference A 033 A O3k A 035 A 936 A 037 A 038 A 039 A 040
Numbers
Flap x x x x x x
-l
o >
k| Fin X
g
o
3]
Other a d b b
Wing x x x x x
c
S | Wing h h b h h h h h
o~ S o6t 53¢ 261
& | Planform €3 ©3
@ 78° 70° 759, 19.3°]  60° 60° 73° 1 1
&
w | Body x x x x
S
3]
Wing-Body
Control x * x x
Range of €.9 €.9 3.05 1;7 1:5 8 0.7 0.7
0 4] to to
M 2.6 2.6 2.22 2.22
) ~-
Range of - 7 1.25, 1.74,
-6 to & 9 to 1
Re /Ft x 10 .5 11.5 2.5 3.48
-]
3 0 ° - & o] 1 -20 -6 -6
T | Range of to to 0 to to * to
3 a 12 3 2\ + 6 +2n +18 418
§
© 0, Flap -20 tdg z, c 0 0 0 ¢
4 |'Range of +20 . to to to to tn
] 5 20 Ncse =20 20 20 ks 20 +20
= 0 t0 20
Range of
ng 0 ¢ [ ol 0 [¢] o] o]
Test 2 2 L n LS ) ) ¢
Facility
Force x x x x x
o
]
wd
a| Pressure x
12
3
! g Heat x x x
SE Transfer
® Ot
& 2} Theory « X x x
F.xperiment x x x x x x x x
Force x x
o Hinge x x
§ Moment
3
% | Pressure x
4
X
3 & | Heat . z
gg Transfer x
U -
Theory x
i Experiment X x x

93




B R SRR e

AN OO by

[

s A epm ROrhmis A

P T Y RV

e

nw&m««w»ﬂmw‘ ‘-

4

Reference
Numbers A okl A oh2 A o3 A Okb A OS5 A ol6 A oh7 A 048
Flap x x
-4
o
B | Fin x x x x x
g
]
Q
Wing
§ Wi h h h h £ 5 1
-l ns 6 (o} o (¢
U ! Planf 3° 26! 63" 26' %)
. Planform 1 1 70° ™, e5°
]
A
Ué Body x x x x x x
o
:ﬁ;ggdy X x X X x X X
0.7 0.7 2.01 3.0 0.06, 0,92 4,08 6.86 6.83
Range of to to to 1,62
M 2.22 2.22 6.25 to
9.6
.2 . .84 . 2.k .
Range of _ | VT | M 1.8 2 19.2 ) 3.12
Re _/Ft x 10 2.5 2.5 9.6 6 3.96
[ ]
§ - -6 0 -2 0 0 0 -4
& | Range of to to to to to to to to
e a 418 +18 20 22.5 20 6 25 +24
g
o -6 o 0 -30 0 ) 0 Pins:
Y | Range of to to to to 410 to -20
G 3 +30 +20 15 +30 Fleps:
I 0 to +ks
o 0, 0 0 -12 0 0 0,
Range of to to
g 5 +12 5 -5
Test
Facility 2 ! L L L ’ L £
Force x x x x x x x x
g
-y
§ Pressure
: 5 Heat:
52! Transfer
w O
A Of Thecry x
Experiment x x x ¢ x x x x
Force x x x
®
o | Hinge
-5 Moment x
2
9 | Pressure x
-t
r O
3 o Heat
8 i Trsnsfer
23
Theocy x
Exper iment x x [
94




o Vi ke

- s ot aren

S

L]

aae e g pAaas n

@ m—————

]“t‘ff::"“ A 08 A 050 A 051 A 052 A 053 A o5k A 055 A 056
Flap x x x
-
o
Ul Fin x x x
&
A
Cther a a F'Y
Wing x x x x
€|y h h h b
T Pﬂaf rm x t t ©
s nto é° 60 75° 70°,75°
s
ué Body x x x
o
Wing-Hody
Control x x x
3.1 6.86 6.86 b.ok 6.9 6.9 6.8 5
:ange of ! 9.6; !
o 9.6 18.% 9
Raige of 12.05, 2.h 2.4 17.45 k.56
Re_/Ft x 10~ 13.06
]
g
K -5 o -5 0 .12 60 G -17
| Range of to to to to to to to to
~-'é a 13 25 +25 12 +12 90 60 +7
© 0, 0 -16 1% o
¥ {Range of 0] to to to to
S 6 ~20 -20 +1k 14 90
Ra c 0, -5 -5
e 0 to to o] 0 V] o o]
ng 6 +10 +10
Test
Facilf.ty ) 4 l ) 4 2 l 2 2, mn
Foree x x x x ¥
g
E Pressure x x
! -;ai Heat
;3? Transfer x x
/2 ©| Theory x x x
Experiment x x x x x x x
Force
g | Ringe
w Moment x x
b=3
Y | Presgure
" x
[} a —
& {Heat
§§ rensfer x
Theory . x
Experiment x x x
95

NS O S AR o Y

iy

Lot

BB AR,

AR S SN 1%

e s

4



et : DY e 0 e - © o e NECRRANITS

R B SO I AL A o o
LS

3 - Retzrencs A o5 <8 L O & 0& R 05 A 052 A 553 B 1
Hm}bexs 057 A O5 59 o A A OV Y1)
R et o T sesseeee AL S e L Y]
1 Flap x x x x x ] x
3 3 ) ¥ - S——
2 }
R Fin x
i £
f 5}
4 Other e & A, b !
% Ring x x x x
£ | e ] .
% g Flasform 750 e 6<°
4 | Body x x ! x
E —
X
: Wing-Body < .
Control )
2 7.9% 2.0 3.0 -6 3, 2
: Rarge of 9.6 to to to 3.5 5 W
LR a3 h.78 ks 4.0 6.9 5 22
. c.216 8.5 i P
Rargz of . 9% | 2.2 to o to te
Re /Ft x 13 1.88 1.7 | 10 3-a
gt ]
; a -13 25 -5 o -k o
i +# |Range of s %0 to to tc to 0 o
‘ ; z a 25 60 90 60 12 8
3 g ~— -
: © o -0 -20 0 -9 0 0
% | Range of 1 to 10 to %0 to to
A 5 4o +5% +20 I 55.6 +9 30 30
5 H )
%
o,
2 Range of o 0 0 0 0 o] o
. : -
i ——
$ H Test
: Facility i L5 ) ) 1 ) 3 )
i Force x x x x x x
=
! T
% «| Pressure x x
i . B
; it Heat %
39l Transfer
3O
8 3| Theory x
Experinent x x x x x X x x
Ferce
§ Hinge
w Komant
3
¢ L Prescure x %
Ll
R ¥ 3
: ® i { Hoat
! §§ Trarsafer x
i Thaory
: Exparinent x x
E1
;
&
95
Lo
3 wers e 4 e e e - - C e e

H,




- - e . e T e . . e Mg e . = e e v e e o g
. A

e 2> e e SR PR RV R e -, B o R S T B R R A N A R S O et ot s

% =
: 1
i
: :
Iy B
: {- Reierence A 05 ’-A 265 A 067 T ACS3 A o A ofo £ o7 i 072 % 1
i Numbers %
§ Flap x % x x % x x x g
H - 3
3 )
g 5| Fin x %
~ k3
P8 .
; ! Other é, ¢ © c ] § c
: i
S :
i t Wing x x % x &
Pl o= :
h h h h h
Cla gi'“gf £ £ t : :
s g danfosm 600 600 EOO 600 600» $ :
! -
w Body ‘ 'j;~
8 o~ # 3
~ 'vtng-Body -
taitrol x * * x * 5 i
2ange of % 13, 3 % ¥
e 8 5 8 8 19 o
- 8 19 8 3 :
H
Range of 1, 1.1, .03, 1.1, 1.1, 1.1, 1.1, ois 5 )
-0 .13 3
. {Re /Ft x 1D 3.3 3.2 15 3.3 3.3 3.3 3.3 :
m prrenam,
3 45 +10 +30 454 5 +50 +20 0
r} kar;ge aof to to to to to to te to
= a 43 -k3 -35 -S4 -30 ~50 -0 +39
3 S— - ;
o Lo ko +39 +39 0 : :
0 0 G + b -
% (Range of co to to to to te to to : 5
& & L5 20 +45 -ko <40 -39 ~33 0 :
mmirense b *
¢
Range of i N
8 i i
H .
j .
Test % L
Facility t L ! £ . t A : :
i
Force x ;
g . EH
I3
bt i
g Pressure x b4 b4 x x x i H
g N
‘ =il Heat i
&% Transfer * x x 3
g G e .
& i Theary 3
Experiment x x x x x x % x ; :
; ’
Force f :
bt Hinge :
‘E Moment
e}
: Pressure x x x x x x
1 g T .
o i i leat . -
gg Transfer X x
0
Theory
{Experiment x ¥ x x x 3 - %

97




P ST

NI

Reference

EEPT TP

T
> i

SIS

s R b (e s

PP

P,

e

I
A
S
¥
§
B
+
1S
<-
t

Nusbers A 013 A Y7h A Q76 A OT7 A 078 A OTY
Flap x x " x
i
<
k| Fin % x x '3 x
§
X}
Othex ] d
Wing x x x
§ Wing h
4 I Planform £ f )
™ T0
a3
-
&4 | Body x x x
5
Wing-~Rody
Control
5 5
;anse of ! 5 2 ! 5 6.83
- 8 8
1.1 3.3 .07 1.1 1.1 2.k
Range: of - 10 ’ to to
Re /Ft = 10 3.3 £.6 6.6
o
8 454 45 +h5 +10 10 30°
o Range of € to to ‘o 1o o
? e ~5h ~30 ~30 ~1h -5 90°
¢ o o 0 Flap:
¥ | fange of o %0 to o 0 *10 to -90
S & 450 450 ke Apex:
2 0 to 20
0 0
Range of to to
8 b1 14 0
Test
Facility ' . 2 o £ L
Force x x
o
3
-l
E Pressure x x x x
' 3’ Heat
8 %] Transfer x x
% O
A O] Theory
Experiment x x X x x
Foxce x x
M
o |Hinge
& | Moment X x
3
“ | Pressure x x x x
pary
] 8 -
s L |Heat
gé Transfer * x
Theory x
Experiment x x x x x x




Lt 1

B e T

A001

AD02

A003

A004

A005

A006

S e T AT A S e R

BIBLIOGRAPHY

Czarnecki, K. R., and Mueller, J. N., Investigation at Mach Number 1. 62
of the Pressure Distribution Over a Rectangular Wing with Symmetrical
Circular-Arc Section and 30-Percent-Chord ‘Trailing-Edge Flag), NASA
RM 1.9J05, January 1950.

Czarnecki, K.R., and Mueller, J. N., Investigation at Supersonic Speeds of
Soine of the Factors Affecting the Flow Over a Rectangular Wing with
Symmetrical Circular-Arc Section and 30-Percent-Chord Trailing-Edge
Flan, NACA RM L50J1¢, January 1951 (Confidential - Unclassified Title).

Dunning, R.W., and Ulmann, E.F., Aerodynamic Characteristics at Mach
Number 4.04 of a Rectangular Wing of Aspect Ratio 1.33 Having a 6-Percent-
Thick Circular-Are Profile and a 30-Percent-Chord Full-Span Trailing-
EdEe Flap, NACA RM L53D03, May 1953 (Confidetitial - Unclassified

e [ ]
Ridyard, H.W., and Fetterman, D.E., Aerodynamic Characteristics of a
6-Percent-Thick Symmetrical Circular Arc Airfoil Having a 30-Percent-
Chord Trailing-Edge Flap at a Mach Number of 6.9, NACA RM L56B24
June 1956.
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A066 Kaufman, L.G. II, Pressure Distributions for Mach 8 Flows Over Ex-
pansion Corners and Ramps on an Internaily Cooled Model, RTD-TDR-
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Hypersonic Configurations Mach Number 8, WADD TR 61-568, Part 1,

¢ Volume 4, August 1962 (Confidential - Unclassified Title).
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igtics on Hypersonic Re-Entry Configurations, Analytical Phase. Vol-
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ber 1962.

AC89 Mazelsky, B., and Amey, H.B., Jr., Lift, Piiching Moment and Rolling
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at Hypersonic Speeds, GASL Technical Report Number 186 (AD 323147)
(Confidential - Unclassified Title).

A091 Saniorenzo, E. A., Pressure Distributior on Blunt Delia Wings at Angle of
Attack, GASL Technical Report Number 192 (AD 323144) {Confidential -
Onclassified Title).

A092 Seidman, M., Pressur: Distribution jor Blunted Delta Wings at Mach 21,
GASL TR-205, January 1981 (Confidential - Unclassified Title).

A093 Sanlorenzo, E. A., Heat Transfer Distributicns on Several Blunt Delta Wing
Configurations at Angle of Attack, GASL TR-206, December 1960 (Con-
fidential ~ Unclassified Title),

A094 Galowin, L., Heat Transfer Correlations for $0° Corner Interference Effects
on Fm-blate Model at a Mach Number of 8, GASL TR-207, February 1961

(Confidential -~ Unclassified Title).

A095 Daskin, W., and Seidman, M. H., Investigation of Hypersonic ¥iscous and
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ﬁggrations, GASL TR-214 (WADD TR 81-74}, May 1961 (Confidential -
Unclassified Title),
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AQST Clark, E.L., Payne, R.G., and Burchfield, C.G., Heat Trausfer and
Pressure Digtribution Tes(s of Boelng Dyna--oar Models at Mach Number 8,
Arnold Engineering Development Center Heport Number TN-59-151, Decem-
ber 1959 (Confidential -~ Unclassified Title).
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A098 Force Testis of the Boeing §-3661-1 Dyna-Soar Model at Mach Number 8,
AEDC-TN-59-166, January 1960 (Secret -~ Unclassified Witle).
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A099 Force Tests of the Boeing $5-3661-1 Dypa-Soar Model at Mach Number 8,
AEDC-TN-50-86, May 1960 (Secret - Unclassified Title).

‘ ¥ A100: Edenfigld, E.E., Welny, W., aud Shelton, P. (., Pressure Disiributions
‘ Tests: to Determine Trailing Edge Control Effectiveness on 3 Boeing Dyna-
Soar ‘Model at Mach Numbers from 16 {o 20, Arsold Engineering Development
Center Report Nuraber TN-60-148 (Secret - Unclassified Title).

Al01 Griffith, B.J., Drag Tests of Two Hypersonic Glide Configurations at Much
Kumbers 18 to 20, Arnold Engineering Development Center Repori NMumber
TN-61~37, March 1961 {Confidential ~ lnclassified Title).

Al102 Hiers, R.S8., and Hillsamer, M.E., and Morris, S.D., Heat Transfer and
Pressure Distribution Tests on a Version of the Dynasoar Glider at Mach 8,
Arnold Engineering Development Center Report Number TN-61-70, July 1961
(Confidential ~ Unclassified Title).
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AX03 Clark, E.L., and Spurlin, C.J., Force Test of the AD-5931-1 Dyna-Soar
Model at Mach Number 8, Arnold Engineering Development Center Report
Number TN-81-145, November 1961 (Confidential - Unclassified Title),

A194 Kayser, L.D., and Merz, G.H., ¥orce Tests or the Boeing AD-5991-1
Dyna-Scar Model at Mach 5, 8, and 1), AEDC TDR-82-105, May 1962.
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Al05 Wallace, A.R., and Knox, E.C., Pressure Distribwtion on Two Hypersonic
Glide Vehicle Configurations at Mach Number 19, Arnold Engineering Devel-
opment Center Report NMumber TDR-$2-138, July 1962 (Confidential -

nclassified Title).

A106 Mauersberg, J.D., and Thomas, R.E., A Study of Some Aerodynamic Char-
acteristics of the Dyna-Soar Glider at M=12. 84", Ohio State University
Research Foupdation TN-ALOBU-183-8, February 1963 (Confidential -
Unclassified Tirle).

Al107 BRmdy, R.W., Burt, R, H., and Burdette, J.E., Pressure Distribution and
Heat-Transfer Tests on the Dyna~-Soar X-20 Configuration with Various
Control Settings at Mach 10 Arncid Engineering Development Center Report
Number TDR-63-40, March 1963 {Confidential -~ Unclassified Title).

Al0¥ Rbudy, R.W., Burdetie, J.E., Pressure Distributions and Heat Transfer
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