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(U)  SUMMARY 

The overall objective of this program is to advance and demonstrate high- 
pressure-ratio axial compressor technology to the point where an engine 
designer has sufficient design data to incorporate the axial compressor in 
a small gas turbine engine. The analysis and results of the designs and 
studies conducted under Phase I of this program are presented in this re- 
port. 

The design of a single-stage axial supersonic compressor has been completed. 
The predicted performance for this compressor stage is: 

stage pressure ratio 2.8:1 
adlabatic efficiency 82.0 percent 
corrected airflow 4.0 pounds per second 
design speed 50,700 RPM 

A gas generator performance study has been conducted to evaluate non- 
regenerated designs with 16:1 pressure ratio compressors and turbine inlet 
temperatures between 2500oF and 3000oF.  The design point specific fuel 
consumption of the engines studied ranged from 0.415 to 0,438 pound per 
horsepower per hour.  At 50 percent power, this range increased to 0.465 
and 0.534 respectively. Thi engine configuration which indicated the low- 
est specific fuel consumption has a two-spool gas generator and variable 
stator free power turbine. 

The preliminary design of a two-stage 16:1 axial/centrifugal compressor 
has been completed, and the design point performance for this compressor 
is: 

pressure ratio 16:1 
adlabatic efficiency 77.5 percent 
corrected airflow 4,0 pounds per second 
design speed 50,700 RPM 

The preliminary design of an advanced two-spool gas generator which in- 
corporates the 16:1 axial/centrifugal compressor has been completed.  This 
non-regenerated engine is a two-spool gas generator with a variable stator 
two-stage free power turbine and a 2500oF turbine inlet temperature.  The 
design point performance is: 

specific fuel consumption  0.431 pound per horsepower per hour 
horsepower 785 
airflow 4.0 pounds per second 

A preliminary design study of a variable-geometry axial compressor rotor 
has also been conducted, and two mechanical schemes of a variable-geometry 
rotor have evolved.  The performance analysis of this concept indicates 
that part-speed pressure ratio and efficiency of the axial rotor can be 
improved considerably and that the engine airflow can be varied sub- 
stantially co Improve part-speed matching with succeeding stages on the 
same shaft. The performance of the variable-geometry airfoil together 
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r 
with the performance of very highly cambered and high diffusing rotors 
needs to be established experimentally before the full extent of the per- 
formance potential can be assessed. 

Appendix I to this report describes  the experimental results ot a 2:1 su- 
personic axial compressor program currently being conducted at the Wright 
Aeronautical Division of Curtiss-Wright.    The technology being developed 
and advanced in this program is closely related and of direct benefit to 
the U.S.  Army Aviation Materiel Labor-' 3ries   (USAAVLABS)  program and es- 
tablishes  a firm basis for the design procedures utilized In the more ad- 
vanced 2.8:1 pressure ratio supersonic compressor stage. 
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(U)  FOREWORD 

United States Anny Contract DA 44-177-AMC-392(T) (Task 1G162203D14413) is 
being performed by the Curtiss-Wright Corporation, Wright Aeronautical 
Division to advance and demonstrate high-pressure-ratio axial compressor 
technology for small gab turbines.  This contract is administered under the 
direction of the Propulsion Division of the U.S. Army Aviation Materiel 
Laboratories.  The Phase I effort for this program is discussed in this 
report.  This phase consisted of the design of a single-stage supersonic 
axial compressor and test rig and an analytical evaluation of its perfor- 
mance potential as a compressor boost stage for small gas turbine engines. 
Experimental investigation and development of the rotor performance of 
this compressor will be performed in Phase II. The experimental investi- 
gation of the total stage performance is scheduled for Phase III. 

The manager of the Small Gas Turbine Engine Program is T. Schober, and the 
manager of this Compressor Technology Contract is C. H. Müller.  Principal 
contributing engineers are L. Cox, W. Lltke, H. Weiser, A. Corrado, and 
1, Lutringer.  The overall guidance and technical direction provided by 
Mr. A. Sabatiuk and the direction of Mr. S. Lombardo are gratefully acknow- 
ledged. The guidance of Mr. J. White, Mr. L. Hubert, and Mr. D. Cale of 
USAAVLABS Is also gratefully acknowledged. 
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(U)    SYMBOLS 

A/A* Isentropic area ratio - dlmenslonless 

A* area at which sonic flow would occur - square Inches 

A annular area - square inches ann ^ 

A,,, flow area - square inches flow ^ 

a acoustic velocity   (based on static temperature)  - feet per second 

a acoustic velocity   (based on total temperature)  - feet per second 

C specific heat for a constant pressure process - BTU per pound per 
" degree Rankine 

D diameter - inches 

D mean diameter -  inches 
m 

g acceleration of gravity - feet per second squared 

h hub streamtube 

I.C. iron-constantan thermocouple 

I.D. inside diameter  - inches 

i incidence angle  - degrees 

i' modified incidence angle - degrees 

work constant   (778 foot-pounds per BTU) 

K continuity equation constant (0.26048 pound degrees Rankine per 
square inch per inch of mercury) 

k spring rate - pounds per inch 

M Mach number - dlmenslonless 

m mean streamtube 

N rotational speed - revolutions per minute 

CD. outside diameter  - inches 

P static pressure - Inches of mercury s 

I 
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P total pressure  -  Inches of mercury 

R radius of curvature in meridional plane  -  inches   (or gas constant, 
53.4 foot-pounds per pound decree Rankine,  when occurs in the 
expression    -^/KgRT ) 

REC total pressure recovery  - ratio of total  pressure remaining after 
losses through blade row passage to initial total pressure at 
blade row inlet  - dimensionless 

r radius from compressor axis - inches 

T static temperature  - degrees Rankine s 

T total temperature  - degrees Rankine 

t tip streamtube 

t ratio of maximum blade  thickness to the chord length 

U rotor blade  section speed - feet per second 

V velocity - feet per second 

V axial velocity component  - feet per second 
cLX 

V tangential velocity component - feet per second 

W airflow - pounds per second 

a tangential airflow angle relative to the compressor axis - degrees 

ß tangential angle to blade camber line - degrees 

ß' tangential angle to blade suction surface  - degrees 

8 deviation angle - degrees  (or ratio of local total pressure to a 
reference pressure, when occurs in   (Wv9)/8        - dimensionless) 

A change of a quantity across a blade row - dimensionless 

e airflow slope angle in meridional plaice - degrees 

i)   . adlabatlc efficiency - dimensionless 

V ratio of specific heats  - dimensionless 
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^     blade camber angle - degrees 

p density - pounds per cubic foot 

9     air turning angle through a blade row - degrees (or ratio of 
local total temperature to a reference temperature, when occurs 

in either N/>/6 or (W^/ß)/ 8   - dimensionless) 

Subscripts 

amb 

o 

2 

3 

ambient conditions 

station at entrance to inlet guide vanes 

absolute conditions (relative to non-rotating reference) at a 
station representing exit of inlet guide vanes and inlet to rotor 

entrance conditions to rotor relative to the rotating rotor blade 

exit conditions from the rotor relative to the rotating rotor 
blade 

absolute conditions (relative to non-rotating reference) at a 
station representing the rotor exit and inlet to the exit stator 

absolute conditions at a station representing the exit of the exit 
stator and interconnecting duct 
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(U)  INTRODUCTION 

The overall objective of the U.S. Army Aviation Materiel Laboratories in 
the field of small gas turbine engines has been stated on numerous occa- 
sions.  In general, it is the advancement of technology in the major com- 
ponent areas to the point where a small gas turbine engine can be designed 
to provide a non-regenerated engine with a specific fuel consumption of 
less than 0.460 pound per horsepower per hour.  The compressor component 
required to make this performance goal possible must be capable of high 
pressure ratio (16:1 range) at good component efficiencies and, in addition, 
must be designed for simplicity, ruggedness, durability, and minimum cost. 

The objective of this program is to advance and demonstrate high-pressure- 
ratio axial compressor technology to the level that, when matched analyti- 
cally with the advanced centrifugal compressor technology supplied by 
USAAVLABS, will provide a 16:1 compressor which offers the desired engine 
performance.  Specifically, this program addresses the development of a 
supersonic axial compressor to serve as the boost or supercharging stage. 
Since the part-power performance of these engines is also critical, several 
study tas'cs have been included in the program to gain some insight into the 
important off-design parameters and trade-offs which should influence the 
axial compressor development when considered in the overall compressor and 
engine operation. 

The program is scheduled in three phases. Phase I involves (1) the design 
of the supersonic axial stage compressor and test rig; (2) an analytical 
study to evaluate the performance potential and characteristics of various 
compressor and engine configurations; and (3) the preliminary design of an 
advanced 16:1 axial/centrifugal compressor, an advanced gas generator in- 
corporating this compressor, and a variable-geometry compressor rotor.  In 
Phase II, the inlet guide vanes and compressor rotor will be procured and 
developed through experimental testing. In Phase III, the design of the 
exit stator and interconnecting duct for the supersonic axial stage will be 
finalized, and this hardware will be procured and developed through experi- 
mental testing. Also in the final phase, an advanced Inlet guide vane will 
be designed, the hardware will be procured and Its Improvement of stage 
performance experimentally evaluated. 

The pressure ratio for the axial boost compressor of the 16:1 axial/ 
centrifugal configuration is required to be in excess of 2.5:1. Mini- 
mizing the number of stages required to achieve the high-performance goals 
of these compressors offers the advantages of smaller engine envelope, re- 
duced costs, and increased reliability. On this basis, a single-stage 
axial compressor is most attractive. 

Subsonic and transonic compressors do not possess the rotor blade section 
speeds necessary to achieve pressure ratios of 2.5:1 per stage. The 
transonic compressor Is limited to stage pressure ratios of 2:1. The 
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supersonic compressor is, therefore, the only category of axial compressor 
which offers the potential of a pressure ratio in excess of 2.5:1 in one 
stage. 

There are two basic types of supersonic axial compressors.  These are the 
impulse rotor and the shock-in-rotor designs. In the impulse rotor, the 
air enters and exits at supersonic relativ» Mach numbers.  This approach 
offers the highest potential pressure ratio per stage (in excess of 4:1); 
therefore, investigation of this type has been far more extensive in the 
past than for the shock-in-rotor type, which is limited to less than 4:1. 
The demonstrated rotor performance of the impulse type has been very high, 
but the exit stator losses associated with the diffusion from supersonic 
to subsonic Mach numbers have been excessive (as high as 50 percent total 
pressure loss in some cases) and have resulted in relatively low overall 
stage efficiencies. 

The stage pressure ratio potential of the shock-in-rotor type of axial 
supersonic compressor easily meets the goal (>2.5:1) of the boost stage 
to be developed in this program. The air enters this type of rotor at 
supersonic relative Mach numbers but shocks down in the rotor passage to 
subsonic exit Mach numbers for both the relative and the absolute vectors. 
The exit stator losses are, therefore, expected to be comparable to those 
in transonic stages (>3 percent totc\l pressure loss). The rotor pressure 
losses at the supersonic relative inlet Mach numbers are expected to be 
higher than those for rotors with transonic or subsonic relative inlet 
Mach numbers. However, even with the higher rotor pressure losses, stage 
efficiencies of 80 percent to 85 percent are predicted for the shock-in- 
rotor type of supersonic compressors as a result of the high pressure 
ratio developed in the stage. 

The number and scope of past experimental investigations, to-advance the 
shock-in-rotor type of supersonic compressor, were relatively limited, and 
efficiencies of 80 percent or higher were not achieved. Curtiss-Wright 
believes that the ranges of cascade parameters explored in those programs 
do not offer the optimum performance potential. Specifically, the selec- 
tion of rotor parameters to provide higher solidities and minimum passage 
divergence (nearly constant area passage) and the utilization of body 
forces (from hub and tip curvature and blade lean and sweep) to control 
pressure gradients see required to achieve the desired efficiencies. 

Concurrent with the initiation of the subject contract, an experimental 
evaluation of a 2:1 supersonic compressor was initiated under a program 
being conducted at the Wright Aeronautical Division of the Curtiss-Wright 
Corporation. The design of this compressor incorporates the approach to 
the advanced cascade design parameters discussed in the previous para- 
graph.  Initial experimental results from these tests are very encourag- 
ing and thus support the design approach and projected performance 
potential. 

Based on the high performance potential, the merits of achieving the boost 
pressure ratio in a single stage, and the encouraging data from the 
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current exoerimental program discussed above, a single-stage shock-ln-rotor 
supersonic compressor has been chosen as the axial boost compressor to be 
aHuanrod and demonstrated under this contract.  The design goals of this advanced and demonstrated 
compressor are 

pressure ratio       2.8:1 
adiabatic efficiency  82.0 percent 
corrected airflow     4.0 pounds per second 
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(C) GAS GENERATOR PERFORMANCE ANALYSIS  (U) 

(U) The Integration of the 16:1 pressure ratio axial/centrifugal compressor 
into the design of an optimum small gas turbine engine requires an appre- 
ciation for the trade-offs associated with its configuration, efficiency, 
and characteristic operation.  An analytical study has been conducted to 
provide ihese trade-off data.  The design point and part-power cycle per- 
formance of non-regenerated engines has been determined to evaluate several 
axial/centrifugal compressor configurations. 

(U)  The engine design parameters for this study were: 

specific fuel consumption at design point  0.46 pound per horsepower 
per hour 

airflow 4.0 pounds per second 

turbine inlet temperature 2500°F to 3000<>F 

compressor pressure ratio at design point  16:1 

(C)  COMPRESSOR CONFIGURATIONS AND PERFORMANCE  (U) 

(U) The 16:1 compressor consists of an axial compressor followed by either a 
centrifugal or a radial outflow compressor. Three axial, one centrifugal, 
and a radial outflow compressor were Included in this Investigation. The 
three axial compressors are Curtiss-Wright designs. The predicted per- 
formance for the centrifugal and radial outflow stages was supplied by 
USAAVLABS and was developed under Army Contracts DA 44-177-AMC-173(T) and 
DA 44-177-AMC-180(T) respectively.  The design parameters and designations 
for these components are shown in Table I. The compressor maps are pre- 
sented in Figures 1 through 5. 

TABLE I.  (U) COMPRESSOR STAGES FOR ENGINE STUDY 

Type Designation Description 

Atmospheric 
Corrected 
Design 
Air- 
Flow 

(lb/sec) 

Design 
Pressure 
Ratio 

Design  | 
Adlabatic 
Effi-  | 
ciency 

Axial SSC (2.0) Curtiss-Wright single- 
stage supersonic 4.0 2.1:1 79.3 

Axial SSC (2.8) Curtiss-Wright single- 
stage supersonic 4.0 2.8:1 82.2  1 

Axial TST Curtiss-Wright two- 
stage transonic (TST) 4.0 2.0:1 85.5 

Centrif- 
ugal 

RF-1 Radial flow* 4.0 10:1 79.0 

Radial 
Outflow 

ROC-1 Radial outflow with 
variable guide vanes* 4.0 11:1 82.5 

♦Scaled to match axial compressor outlet conditions 
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(U)  The compressors listed in Table I have been combined into the five axial/ 
centrifugal 16:1 configurations listed in Table II. 

(U) 

TABLE II.     (U) COMPRESSOR CONFIGURATIONS FOR ENGINE STUDY                    j 

Compressor 
Configuration 

No. 

Number of 
Compressor 

Spools 

Low 
Pressure  (LP) 
Compressor 

High 
Pressure   (HP) 
Compressor 

Overall 
Design Point 

Pressure RaticJ 

j           1 2 SSC  (2.0) RF-1 16:1          j 

2 2 TST   (2.0) RF-1 16:1 

i           3 2 SSC   (2.0) ROC-1 16:1 

1           4 2 SSC   (2.8) RF-1 16:1 

5* 1 
(with 
inter- 
stage 
bleed) 

SSC   (2.8) RF-1 16:1 

5a* 1 
(with 
variable- 
geometry 
rotor and 
reduced 
bleed) 

SSC  (2.8) RF-1 16:1         | 

*Two approaches were investigated for configuration 5 and arc 
5 and 5a respectively. 

designated 

Configuration 5 employs interstage bleed at  the exit stator of the axial 
stage  for surge-free part-power operation.    In configuration 5a,  a variable- 
geometry axial rotor is incorporated which reduces considerably the re- 
quired interstage bleed.    The  Interstage bleed for these configurations is 
assumed to be  dumped overboard in the performance calculations.    Figure 6 
presents the compressor map for configuration 5.    The airflow presented on 
this  figure is the remainder after interstage bleed corrected to standard 
inlet conditions,  and the efficiency represents the ideal work of compres- 
sion  for only the airflow which passes  through both the axial and cen- 
trifugal stages divided by the summation of the actual work on the total 
airflow passing through the axial stage   (including bleed  flow)  and that on 
the remaining  flow through the centrifugal stage. 
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(U)     COMPONENT PERFORMANCE  AND BASIS OF ANALYSIS 

(U)     All of the engine performance calculations were based on sea level,   static, 
standard day conditions.     The various component efficiencies at maximum 
power were estimated as   follows: 

Axial Compressors   (Adlabatic) 
Centrifugal Compressors   (Adiabatic) 
HP Turbine   (Adiabatic) 
LP Turbine   (Adiabatic) 
Power Turbine   (Adiabatic) 
Combustor 
HP Turbine, Mechanical 
LP Turbine, Mechanical 
Gear - Output Shaft 

Noted above 
Noted above 
90 Percent 
89 Percent 
87 Percent 
98 Percent 
99 Percent 
100 Percent 
97 Percent 

(U) Turbine performance maps were programmed and utilized to establish the 
matched off-design operating conditions.  Turbine cooling air was induced 
as required, and stator and rotor blades were assumed to be transpiratior 
cooled where blade cooling was necessary.  The cooling air percentages 
given in Table III remain constant over the operating power range. 

TABLE III.  (U)TURBINE COOLING AIR FOR ENGINE STUDY 

2500oF 2700oF 3000°F 

!     1st Stator 6.25% 7.25% 8.5% 
j     1st Rotor, Blades 4.75 5.5 6.5 
I     1st Rotor, Disc 1.0 1.0 1.0 

1st Rotor, Leakage 1.0 1.0 1.0 
2nd Stator - 3.25 4.5  j 

|     2nd Rotor, Blades - 2.25 3.25 
2nd Rotor, Disc 1.5 1.0 1.0 
2nd Rotor, Leakage - 1.0 1.0 

1     Power Turbine Stator - - i 
Power Turbine Rotor, Blades - - 1 

'     Power Turbine Rotor, Disc 1.25 1.5 1.75 
Power Turbine Rotor, Leakage - - - 

Total 15.75% 23.75% 28.50%| 

(U)  The turbine cooling air is treated as follows in the calculation of the 
cycle performance: 

1. The high-pressure (HP) turbine stator cooling air was 
returned to the cycle mass flow at the HP turbine rotor 
inlet. 

2. The HP turbine rotor cooling and internal seal leakage 
air and the low-pressure (LP) turbine stator cooling air 
were returned at the LP turbine rotor inlet. 
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3. The LP  turbine  rotor cooling air and  Internal   seal   leakage 
air were  returned at  the  power turbine rotor  inlet. 

4. The power turbine  rotor disc cooling air and internal seal 
leakage  air were  returned at  the  Jet  nozzle  inlet. 

(U)    The  component  pressure  loss  percentages remained constant,   as  listed below, 
over  the operating power range. 

Inlet 
Exhaust 
Combustor 
Diffuser   (Power Turbine) 

Pressure Losses 

None 
1.5 Percent 
3 Percent 
1 Percent 

The fuel lower heating value of 18,400 British thermal units per pound was 
used. 

(U) Engine design and off-design performance was computed using an IBM 704 
digital computer. The following digital programs were utilized in the 
applicable portions of the program: 

Curtiss-Wright Log 776 - Turboshaft Design Point Program. 

Curtiss-Wright Log 903 - Single-Spool Turboshaft Engine Performance. 

Curtiss-Wright Log 792 - Two-Spool Turboshaft Engine Performance. 

(U)  ENGINE CONFIGURATIONS STUDIED 

(U)  For each of the gas generator configurations studied, three power turbinf 
arrangements were evaluated: (1) the power turbine rotor on a shaft inde- 
pendent from the gas generator shafts (free-power turbine) and fixed inlet 
stators (fixed stator); (2) a free-power turbine with stators which can be 
varied to vary the stator flow area (variable stators) ; and (3) the power 
turbine rotor on a shaft which is locked or integral with the low-pressure 
spool gas generator shaft and a fixed stator. The performance of the 
fixed-stator free-power turbine engines was obtained by computing the spe- 
cific fuel consumption and shaft horsepower as a function of power turbine 
speed for several speeds of the low-pressure gas generator spool. The 
locus of minimum specific fuel consumption points was then selected to es- 
tablish the off-design performance. The variable-stator free-power turbine 
performance was determined by repeating this procedure for several reduced 
area settings of the power turbine stator and establishing the minimum 
specific fuel consumption for each respective speed of the low-pressure gas 
generator spool. All engine configurations were evaluated at turbine in- 
let temperatures of 2500oF, 2700oF, and 3000oF. Table IV lists the en- 
gines evaluated. 

13 
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1              TABLE IV. (U)   ENGINE CONFIGURATIONS FOR PERFORMANCE ANALYSIS                j 

Engine 
j       Number 

Compressor 
Configuration 

Number of 
Get Generatoi 

Spool! 

Power                          Power 
Turbine                     Turbine 

Configuration                Stator 

Inlet Temp. 
HP Turbine 

Stator             ! 
•F              I 

i       1.2.J i 2 Independent                            Plxed 
Spool  (Free) 

2500,2700,3000     | 

4.5.6 Variabls 2500,2700,3000 

j       7.8.9 Coupled to LP Spool           Fixed 2500,2700,3000     | 

1       10,11.12 2 2 Independent Spool  (Free) Fixed 2500,2700,3000     I 

13.14.15 Variable 2500.2700.3000 

16.17.18 Coupled to LP Spool            Fixed 2500.2700.3000 

19,20,21 3 2 Independent Spool  (Free) Fixed 2500.2700.3000     j 

22,23,24 Variable 2500,2700.3000     | 

25,26,27 Coupled to LP Spool           Fixed 2500,2700,3000 

28,29,30 4 2 Independent Spool  (Free) Fixed 2500,2700,3000 

31,32,33 Variable 2500.2700,3000 

34,35,36 Coupled to LP Spool           Fixed 2500,2700,3000 

|       37,38,39 5 
(with Intentage 
bleed) 

1 Independent Spool  (Free) Fixed 2500,2700.3000 

i       40,41,42 Variable 2500,2700,3000 

|       43,44,45 Coupled to LP Spool          Fixed 2500,2700,3000 

!       46.47,48 5 
(wich variable 
axial rotor) 

1 Independent Spool   (Free) Fixed 2500,2700,3000 

49,50,51 Variable 2S00.2700.3000 

52,53,54 Coupled to LP Spool           Fixed 2500,2700,3000 
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(U)  RESULTS AND CONCLUSIONS 

(U)  The results of this study are presented In Figures 7 through 23.  The per- 
formance for each of the five compressor configurations is summarized in a 
series of three figures.  The first figure of the series compares the en- 
gine performance of the three power turbine arrangements for a 2500oF de- 
sign point turbine inlet temperature. The performance data from the com- 
puter runs with design point turbine inlet temperatures of 2700°F and 
3000°F exhibit essentially the same relationship between the three power 
turbine arrangements as at the 2500oF turbine inlet temperature. The sec- 
ond figure of the series compares the performance of the variable-stator 
free-power turbine engines at turbine inlet temper' ures of 2500oF,  2700oF, 
and 3000"F. The last figure of the series presents the low-pressure com- 
pressor performance map with the engine operating lines or points indi- 
cated. A fourth figure (Figure 18) has been prepared for compressor con- 
figuration 4, which differs from the second in the series in that the spe- 
cific fuel consumption is plotted as a function of percent power instead 
of absolute power, and the performance at the three temperature levels is 
compared on this basis.  The specific fuel consumption of the highest per- 
formance engines for each of the five compressor configurations is compared 
in Figure 23 at both 100 percent power and 50 percent power. 

(U)  An analysis of these results leads to the following conclusions for the 
axial/centrifugal 16:1 compressors: 

1. The engine specific fuel consumption with compressor con- 
figuration 3 is 5.5 percent lower at maximum power than 
with compressor configuration 1 (see Figure 23). The dif- 
ference is attributed to the predicted efficiency of the 
radial outflow second stage of configuration 3 being three 
points higher than that of the centrifugal second stage of 
configuration 1. 

2. At 50 percent power, the specific fuel consumption of the 
engine with configuration 3 is only 3.5 percent lower than 
that with configuration 1.  Since configuration 3 had vari- 
able guide vanes to the second-stage compressor while con- 
figuration 1 did not, it is concluded that variable guide 
vanes to the centrifugal stage do not offer significant 
benefit in a two-spool arrangement. 

3. Two-spool gas generators offer lower specific fuel con- 
sumption at part-power than the single-spool configura- 
tions. 

4. The engine specific fuel consumption with compressor con- 
figuration 2 is 2.3 percent lower at maximum power than 
with compressor configuration 1, which is attributable to 
a 6.5 point higher axial stage efficiency for configura- 
tion 2. 
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5. The 2500oF turbine Inlet temperature resulted in the low- 
eat specific fuel consumption; 3000UF, second lowest; and 
2700oP, highest.  It should be noted that the increase in 
specific fuel consumption between turbine inlet tempera- 
tures of 2500oF and 2700oF is attributed to the shift in 
required blade cooling from one to two turbine stages 
between these two temperature levels.  The specific fuel 
consumption resumes a decreasing trend as the turbine in- 
let temperature is increased from 2700oF to 3000oF. 

6. The maximum horsepower at the design airflow increases 
with increasing turbine inlet temperature (see Figures 8, 
11, 14, 17, 21). 

7. The variable-stator free-power turbine provided the low- 
est specific fuel consumption, with the fixed stator free 
and coupled arrangements following in that order (see 
Figures 7, 10, 13, 16, 20). 

8. The coupled and variable-stator free-power turbines pro- 
vide the widest margin to the low-pressure compressor 
surge line for the two-spool gas generators (see Figures 
9. 12, 15). 

j.     The operating line for the two-stage transonic axial com- 
pressor provides a wider margin to the surge line than 
for the single-stage supersonic axial compressor. 

10. The operating line on the supersonic stage (SSC 2.0) in 
compressor configuration 1, for engines with fixed-stator 
free-power turbines, falls in the surge region at part- 
power based on the predicted surge line.  Initial experi- 
mental results, however, Indicate that the actual surge 
lines for these compressors may provide more margin than 
predicted (see Figure 9). 

11. The operating lines on the supersonic stage (SSC 2.8) in 
compressor configuration 4, for two-spool engines with 
fixed- and variable-stator free-power turbines, cross 
Into the surge region based on the predicted surge line 
while the coupled turbine line does not (see Figure 19). 
As mentioned in conclusion 10, however, initial experi- 
mental results indicate wider surge margins than pre- 
dicted for the supersonic compressors. 

12. The high interstage bleed required in the single-spool 
compressor configuration 5 results in a 7 percent higher 
specific fuel consumption at 50 percent power compared 
to the two-spool configuration 4 (see Figure 23). 
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13. The part-power engine specific fuel consumption with the 
variable-geometry axial compressor rotor and reduced 
interstage bleed in configuration 5a is halfway between 
that of configurations 4 and 5.  (See Figure 23.) 
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Figure 9. (U) LP Operating Line SSC (2.0) - Compressor Configuration 1. 
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Figure 10.  (U) Estimated Engine Performance - Compressor Configuration 2 
(USAAVLABS). 
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Figure   12.    (U)  LP Operating Line (IST)   - Compressor Configuration 2, 
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Figure  15.     (U) LP Operating Line SSC  (2.0)   - Compressor Configuration 3. 

Page 41       of   149   Pages 
26 



1800 
u 
i 
a 
X. 

c 
o 

3 
M 
e o 
o 

a» 
3 

U 
•H 

•i-l 

o 
4) a 

: 1 1 , , ___ 
Maximum Turbine Stator Inlet Temperature-2960oRU500oF) 

Maximum Turbine Rotor Inlet Temperature - 2830oR 

  Fixed-Stator Free-Power Turbine  —' 
  Variable-Stator Free-Power Turbine 

0.8 (  Coupled-Power Turbine 

100 200 300    400    500    600 

Shaft Horsepower 

700 

Figure 16.  (U) Estimated Engine Performance - Compressor Configuration 4 
(USAAVLABS). 

27 Page 42  of 149 Pages 



mmmmm 

Variable-Stator Free-Power Turbine 

2200 

I  0.4 
w  100 

/ 

Max. Turbine 
Max. Turbine 
Max. Turbine 
Max. Turbine 
Max. Turbine 
Max. Turbine 

Stator 
Rotor 
Stator 
Rotor 
Stator 
Rotor 

Inlet Temp. 
Inlet Temp. 
Inlet Temp. 
Inlet Temp. 
Inlet Temp. 
Inlet Temp. 

2960oR (2500oF) 
2830^ 
3160^ (2700oF) 
3010oR 
3460oR (3000°F) 
32450R 

200 300 400 500 600 700 
Shaft Horsepower 

800 900 

Figure  17.     (U) Estimated Engine Performance - Compressor Configuration 4 
(USAAVLABS). 
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Figure 18. (U) Estimated Engine Pertormance - Compressor Configuration 4 
(USAAVLABS). 
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Figure 20.  (U) Estimated Engine Performance - Compressor Configuration 5 
(USAAVLABS). 
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Figure 21.  (U) Estimated Engine Performance - Compressor Configuration 5 
(USAAVLABS). 
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(U)  PRKLIMINAKY UESICNS 

The axial compri'ssor stagt» being developed uiider thin  contract is intended 
tu serve as a boost stage for advanced centrifugal cumpressors.  The com- 
bination of the axial boost stage and the advanced centrifugal stage will 
provide a 16:1 pressure ratio capability tor future small gas turbine en- 
gines.  The advanced centrifugal compressor technology is currently being 
developed under other Army contracts.  The preliminary design study of both 
an advanced 16:1 compressor and an engine incorporating such a compressor 
has been conducted to establish in some detail their performance, design 
considerations, and operating characteristics.  This information provides 
the basis for guiding the design and development of the axial stage com- 
pressor toward an optimum engine. 

The preliminary design study of a variable-geometry rotor for the axial 
stage compressor has also been conducted. This concept offers the poten- 
tial of significantly Improving the part-power performance of a high- 
pressure-ratio engine with a single-spool compressor. 

These preliminary designs are discussed below. 

ADVANCED 16:1 COMPRESSOR 

Selection of Components 

The advanced 16:1 axial/centrifugal compressor consists of a 2.8:1 pres- 
sure ratio single-stage axial supersonic compressor and a single-stage 
10:1 centrifugal compressor.  The 2.8:1 supersonic axial stage is the 
compressor to be advanced and demonstrated under this contract.  The 
selection of this component is discussed in the section titled Supersonic 
Axial Compressor.  The predicted performance maps of two compressors were 
supplied by USAAVLABS for consideration as the second stage of the 16:1 
compressor.  These were the RF-1 centrifugal and the ROC-1 radial outflow 
compressors referred to in the section on the gas generator studies. 
Initial investigations included the matching of the axial stage to each 
of the two second stages.  In neither case did the interstage duct, which 
joins the flow paths of the two stages, result in a straight-through con- 
figuration.  The misalignment of the axial/radial outflow (ROC-1) com- 
pressor was much more severe than that of the axial/centrifugal (RF-1) 
compressor.  This was the primary criterion by which the centrifugal com- 
pressor was chosen as the second stage for the 16:1 compressor preliminary 
design.  A parametric study was conducted to see if the choice of design 
point conditions affected the misalignment between the annuli of the axial 
stage exit and the centrifugal stage inlet.  The design weight flow, over- 
all pressure ratio, and pressure ratio split between the two stages were 
varied, and the matched configurations were determined.  It was established 
that within the ranges investigated, the degree of annuli misalignment did 
not change appreciably, as illustrated in Figure 24.  Therefore, the inter- 
connecting duct need not be a significant factor in the choice of the de- 
sign point conditions.  Consequently, a design speed of 50,700 revolutions 
per minute and an airflow of 4.0 pounds per second were selected so as 
to be the same as those of the 2:1 supersonic compressor currently being 
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vt'lüped.  Under these conditions, the 2.8:1 supersonic compressor is 
idtntical to the 2:1 compressor in size and configuration from the inlet 
to the rotor leading edge.  This approach permits a direct comparison of 
2.8:1 compressor test results with those of the 2:1 compressor, which will 
be of considerable advantage to the development of the 2.8:1 compressor. 

Figures 47 through 50 present the vector diagrams and aerodynamic design 
data for the axial compressor stage. This design is discussed in detail 
in the section on Supersonic Axial Compressors. The predicted design 
point performance of the finalized axial stage design is: 

pressure ratio 2.8:1 
adiabatic efficiency 82.2 percent 
inlet correct airflow 4.0 pounds per second 
inlet corrected speed 50,700 RPM 

The centrifugal compressor (RF-1) had two alternate impeller configura- 
tions with hub/tip ratios of 0.6 and 0.4 respectively.  The hub/tip ratio 
of 0.6 was chosen because this configuration results in a more favorable 
interconnecting duct.  The centrifugal stage was sized as follows: 

1. The initial one-dimensional aerodynamic design for the axial 
stage indicated a design point performance of 2.84 pressure 
ratio, 84 percent efficiency, and 4.0 pounds per second air- 
flow. These values were used to scale the centrifugal (RF-1) 
compressor so as to match the axial stage. 

2. On this basis, a centrifugal stage pressure ratio of 5.634 
is required to achieve a 16:1 overall pressure ratio. The 
corrected airflow (Wv/0)/8 at the second-stage inlet is 
1.681 based on 4.0 pounds per second, a total temperature of 
7410R, and a total pressure of 85 inches of mercury. 

3. Choosing an operating point on the centrifugal compressor map 
at a corrected airflow of 1.360 and a pressure ratio of 5.634, 
the respective rotational speed and blade section speeds are 
established. 

The geometric scale factor which will achieve the required 
corrected flow is calculated as the square root of the desired 
to original corrected airflow r.   ~. The factor Is 1.237. 

''.Oöi 
360 Vi.: 

5.  The rotational speed Is computed for the new scaled diameter 
by maintaining the blade section speeds at the same values com- 
puted In step 3.  A speed of 50,570 revolutions per minute was 
calculated on this basis, and this was considered to be within 
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sufficient accuracy uf the 50,700 axial design speed for a 
valid match point. 

b.  The minor variation in predicted performance from the one- 
dimensional design to the final design of the axial stage 
does not affect this match point significantly. 

7.  The geometry of the Boeing diffuser vane, designated DI-1, 
was the only one available, and the radius ratios of the 
vaneless space and vane were used as 1.06 and 1.8 re- 
spectively. 

The compressor preliminary design is of a single-spool configuration 
(Figure 25).  The basic flow path is essentially independent of the spool- 
ing arrangement, and the same compressor is shown as a two-spool arrange- 
ment in the engine preliminary design (Figure 2 7).  The part-speed opera- 
tion of the single-spool compressor was investigated by referencing the 
corrected airflows and speeds from the axial stage map to the conditions 
at the axial stage exit (centrifugal stage inlet).  In this manner the two 
compressor maps can be compared on a common basis.  It can be seen in Fig- 
ure 26 that at part-speed, the axial stage surge line is at a much higher 
weight than the centrifugal stage can pass at wide-open throttle.  Inter- 
stage bleed is therefore required so that axial stage will not be forced 
to operate in surge when the two stages operate at the same part speed as 
that imposed by a single-spool arrangement.  Figure 6 presents the com- 
pressor map for the single-spool compressor with sufficient interstage 
bleed to effectively have the surge lines of both stages coincide.  The 
percentage of bleed is 40 percent at 80 percent speed.  The exit area re- 
quired to pass the bleed is computed to be 7.86 square inches.  The area 
was computed assuming that the bleed total pressure is the static pressure 
at the axial rotor exit at 80 percent speed and that the bleed vents to 
ambient.  The exit stator blades are planned with a porous metal skin to 
serve as the bleed surface. The percentage of open area of the metal would 
be selected so as to satisfy the bleed area. 

DESCRIPTION OF COMPRESSOR AND MECHANICAL CONSIDERATIONS 

The compressor shown in Figure 25 consists of a single-axial stage fol- 
lowed by a single-stage centrifugal wheel.  The centrifugal wheel is 
splined to the integral shaft of the axial rotor, and the complete rotor 
assembly is straddle mounted on rolling element bearings. 

The six-spoke inlet housing serves as the front main bearing support and 
also contains the inlet guide vanes of the axial rotor and the inlet bul- 
let.  The struts are hollowed to provide passages for the bearing oil, the 
thrust balance, and the seal pressurizing air. 

The inlet guide vanes are trapped between the compressor housing and the 
inner ring of the front bearing support housing.  The vanes are cast 
integral with an inner and outer shroud ring; the unit is precision cast 
in 17-4PH steel (AMS 5643).  The inner shroud ring doubles as the seal 
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runner for the trout thruHt balanci* labyrinth ueal.  An aluminum-graphite 
type rub-tolerant material lb deposited on the Inner diameter (J.Ü.) of 
this rinj;: to permit small seal clearances without risk of seal damage. 

The axial stage rotor housing is a 360 degree precision casting in 17-4PH. 
It incorporates a bleed manifold to accommodate interstage air bleed. The 
area of the housing Immediately over the rotor is coated with an aluminum- 
graphite material which is readily abradable. This will permit operation 
with the small clearances so necessary in this size compressor. 

The exit stator is precision cast in a full 360-degree arc with shroud 
rings at the root and tip of the blades.  The stator assembly is axlally 
contained between the rotor housing and the compressor delivery housing. 
The stator vanes themselves are partially hollow in order to direct the 
interstage bleed air into the manifold.  The inner shroud ring of the 
stator doubles as the seal runner for the interstage labyrinth seal. 
Again, an aluminum-graphite type rub-tolerant material is deposited on the 
I.D. of this ring to allow very small seal c.earances without risk of seal 
damage. 

The compressor delivery housing is composed of two full 360-degree arc 
sections.  The housing as shown is Intended for a rear-end-mounted com- 
bustor and is the reason for the Individual air outlets from the collec- 
tor. The vanes of the diffuser are intended to be integral with the rear 
section of the delivery housing, with the two housing sections being bolted 
together.  One of the bolt circles would pass through a thick section of 
the diffuser vanes, while the other is at the outer diameter (CD.) of the 
manifold collector as shown.  The compressor delivery housing also serves 
as the thrust bearing support structure. 

A critical speed analysis indicated that the first shaft critical speed is 
71,700 RPM for a rigid bearing support system; however, it is considered 
impractical to achieve a sufficiently rigid system to insure a first crit- 
ical above design speed (50,700 RPM).  Consequently, the thrust bearing is 
shown flexibly mounted and dampened by an oil film.  Both a three-bearing 
arrangement and a two-bearing arrangement, which operate between first and 
second critical, were considered in the study. The latter alternative was 
selected as the most desirable solution to the critical speed problem. 
The spring rate of the bearing mount structure can be so selected that the 
first critical occurs below idle speed ( < 40 percent) , while the. second 
critical Is above the maximum operating speed of the shaft system. 

The axial stage rotor wheel is a precision casting in 17-4FH in which the 
supersonic bladlng is integral with the disc. Integral blading results 
in low cost and simplicity, factors so vital in this size machine. 

The centrifugal wheel is a scaled version of the RF-1 design.  The wheel 
tip speed of the scaled version Is lower than that of the existing design 
because of the lower pressure ratio requirement. On the other hand, the 
higher pressure level demanded will require close control of the axial 
clearance of the impeller.  The thrust bearing has been located at the 
centrifugal wheel to minimize the potential axial movement, therefore 
minimizing the permissible clearance. 
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ADVANCED CAS GENERATOR 

The preliminary design study ot the gas generator oi an advanced small gas 
turbine engine has  been conducted.    The engine  includes  the two-spool  ver- 
sion of the 16:1 compressor discussed in the  previous  section.    A two-spool 
gas generator with a 2500oF  turbine inlet  temperature,   a free-power  tur- 
bine, and variable-power turbine stators was selected  for this design. 
This engine configuration provides the  lowest  specific  fuel consumption of 
compressor configurations 4,  5, and 5a,  as  indicated  in the results of the 
gas generator performance  studies. 

Engine and Component Performance 

The design point component  performance data for  the engine is given in 
Table V;  Figures 17,   18,  and 19 present  the overall  performance. 

TABLE  V.     ENGINE CONFIGURATION AND COMPONENT PERFORMANCE DATA 

LP 
Com- 

pressor 

HP 
Com- 

pressor 

Overall 
Com- 

pressor  Burner 

HP LP        Power 
Tur-     Tur-       Tur- 
bine      bine       bine 

Designation St>C   (2.8)  RF-1 
No. of stages 1 I 
Type axial    centrifugal 
Pressure ratio 2.8      5.71 
Flow rate 

(lb/sec) 4.0      4.0 
Inlet stators fixed    none 
Adlabatic 

Eff. a) 79 
Exit stators fixed 
Inlet O.D. 

4 
2 

16 

4.0 

77.5 

0.97 

3.37 

I 1 2 
axial axial axial 
2.7 1.485 3.78 

3.73 4.00 4.06 
fixed fixed variable 

90 89 87 

(in.) 
Inlet I.D. 

(in.) 
Exit O.D. 

(in.) 
Exit I.D. 

(in.) 
Axial length 

(in.) 
Design speed 

(RPM) 
Inlet total 

temp  (0R) 
Exit total 

temp  (0R) 
Stator 

cooling air 
(lb/sec) 

Rotor 
cooling air 
(lb/sec) 

6.29 

4.33 

4.35 

2.62 

8.2 

50,700 

519 

735 

fixed 

4.35 

2.62 

18.0 

4.4 

50,700 

735 

1329 

12.6      9.0 

1329 

2960 

6.47 6.62 7.6 

5.79 5.79 5.79 

6.62 7.0 8.38 

5.79 5.79 5.79 

2.5 2.8 5.5 

50,700 50,700 36,000 
(Rotor) (Rotor) (Rotor) 
2830     2251      2063 

2314     2073      2063 

0.25 

0.27      0.06      0.05 
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Engine Flow Path 

A layout of the turboshaft engine arrangement embodying the basic ga« gen- 
erator Is ahuwn In Figure 27.  A description of the engine flow path will 
best serve to Illustrate the arrangement of components. 

The air Is taken In axlally through the six-spoke inlet housing that serves 
as the front main bearing support and also contains the inlet guide vanes 
and the inlet bullet.  Energy Is added to the air in the rotor of the 
first-stage axial supersonic compressor((SSC 2.8). An outlet stator and an 
interconnecting transition duct turn the air to axial, decrease the Mach 
number, and direct it to the Inlet of the single-stage centrifugal impeller 
(RF-1).  A radial, vaned diffuser decreases the Mach number and whirl of 
the air exiting from the Impeller prior to entering the scroll. Final dif- 
fusion is accomplished in the scroll prior to combustion. A four-can- 
annular combustor utilizing a vaporizing fuel system adds fuel to the air, 
and combustion takes place.  A transition from the cans to an annulus oc- 
curs within the combustion chamber.  From the combustor, the hot gases 
pass through the axial high-pressure turbine and axial low-pressure tur- 
bine.  The low-pressure turbine drives the first-stage compressor. The hot 
gases pass through the two stages of variable-area power turbines before 
entering the exhaust collector scroll, where they exhaust to the atmosphere. 

Mechanical Design Considerations 

The basic gas generator Is a two-spool unit. The compressor of this gas 
generator consists of the supersonic axial (SSC 2.8) first stage and the 
centrifugal (RF-1) second stage from the advanced 16:1 compressor dis- 
cussed in the previous section.  The centrifugal compressor is driven by a 
single-stage high-pressure turbine.  The supersonic axial stage is driven 
by a single-stage low-pressure turbine. The two-stage power turbine is a 
free-spool design driving an end-mounted reduction gearbox.  Two versions 
of the output gearbox are Illustrated. One has the output shaft concentric 
with the engine center line, while the other has a double output shaft off- 
set from the engine center line. 

The low-pressure spool of the gas generator Is straddle mounted on rolling 
element bearings with the single row ball thrust bearing at the compressor 
end. The thrust bearing is flexibly mounted and oil film dampened. Pre- 
liminary calculations indicate that it is impractical for a two-bearing 
arrangement of this spool to have a critical speed above the maximum op- 
erating speed. The alternatives are a three-bearing arrangement and a 
two-bearing arrangement which operate between first and second critical. 
The latter alternative was selected as the most desirable solution to the 
critical speed problem.  The spring rates of the bearing mount structures 
are so selected that the first critical occurs below Idle speed, while the 
second critical is above the maximum operating speed of the rotor system. 

The supersonic axial compressor rotor Is a precision casting in 
17-4FH steel. The blades are cast Integrally with the disc, resulting 
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in a durublt-, luw-cost unit with i-xcflli-iit ciivlroniiu'iil nalslanci'. The 
Inlet  ^uide   vant'ö  as   wi'Il  as  the  exit   atator   i.säenibly  are   precision   cast. 

The high-pressure  spooi  oi  the gay  generator  is  uupported  by a  pair  of 
bearings,   with a  rotor  overhung at   both ends.     The  bearing  span  of  this 
rotor system  is   relatively short  and consequently  lias a first  critical 
speed above  the maximum operating  speed.     The  high-pressure  spool   thrust 
bearing  is  located at   the centrifugal  rotor  in  order to retain  close  con- 
trol of  the  compressor   tip clearances.     The  centrifugal compressor  casing 
is reinforced  to  take   both gas pressure  loads  and applied  loads without 
adversely affecting  the  compressor  running  clearances. 

The accessory drive  gearbox is driven  from  the  high-pressure  spool  by a 
spur gear  located just  aft of the   thrust  bearing.     A splined quill   shaft 
passing  through  the   thick section of one of  the  diffuser vanes  transfers 
the drive   to the   forward side of  the vaned diffuser.    The accessory  gear- 
box is within  the envelope of the vaned diffuser.     Spur gearing is  used 
throughout  the  box,   with all  shaft  gears  positioned by their mounting. 

The four-can-annular  combustor design has a  film-cooled liner with a vapor- 
izing  fuel  injection  system.    This design concept  has the advantage  of 
only four  fuel  injection points,   thereby lessening  the possibility  of 
clogging of small metering orifices.     One of  the  factors involved in  the 
selection of a vaporizing fuel injection system was ♦•he demonstrated abil- 
ity of this  system to  produce a minimum of smoke under all  operating  con- 
ditions,  using a variety of fuels. 

The turbine  section consists of two stages  of transpiration cooled gas 
generator turbines and a two-stage  free-power turbine.    The gas generator 
turbine wheels  are  Inconel  718,  with welded blades.     The blade  airfoil 
sections are made of porous material that is electron-beara-welded to the 
blade struts.     The high-pressure nozzle vanes are also transpiration cooled 
and are individual units composed of cast struts with the porous material 
airfoils electron-beam-welded to the struts.     The individual vane assem- 
blies are retained and sealed between supporting rings.    The inner rings 
form a box section which also functions as an air manifold,  a seal runner, 
and a combustor  liner  support.    A boost impeller attached to the front 
face of the high-pressure turbine raises the  cooling air pressure suffi- 
ciently to overcome  the pressure drop of the porous skin of tne stator 
vanes. 

The two-stage power turbine is straddle mounted with the thrust bearing 
located at  the input  pinion end.    The first  critical speed of this rotor 
system would be well  above the operating speed range.    The  two turbine 
wheels are coupled together through an intermediate curvic coupling  laby- 
rinth seal  piece and a single central tie bolt.     The variable stators of 
both power turbine stages are operated through separate unison rings.    The 
variable stator actuation hardware is all external  to the engine;   there- 
fore,  a number of design problems are minimizeil.. 

The gearbox is contained within a cast Ni-Resist housing located aft of 
the power turbine. A two-stage reduction with all spur gearing was se- 
lected on the basis of design simplicity and small   mmber of parts.     Two 
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Figure 27.    Advanced Gas Generator With Advanced  16:1 Compressor, 
Preliminary Design. 
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designs of reduction gear'iuxea are shown.  The final choice of design would 
be dictated by the Installation requirements. 

VARIABLE-GEOMETRY COMPRESSOR ROTOR 

Small turboshaft engines are required to have good performance at part- 
power. The part-speed characteristics of high-performance compressor de- 
signs, however, present two problems.  First, their pressure ratio capa- 
bility decreases rapidly with rotor speed.  Second, a high degree of mis- 
matching occurs between stages on a single shaft as speed is decreased. 
Consequently, some form of variability such as variable guide vanes, in- 
terstage bleed, or two spooling, has often been employed to improve the 
part-power, matching and performance. 

Another concept which offers considerable promise for Improving part-power 
performance is a variable-geometry compressor rotor. In this approach, 
the compressor rotor design airfoil geometry can be varied at part-speed 
operation so as to increase the pressure ratio capability, improve the 
efficiency, and vary the airflow. A linear surge line characteristic be- 
tween the design speed and idle Is a goal of this scheme. 

A preliminary design study of the variable-geometry rotor has been per- 
formed, including an aerodynamic performance evaluation and an investiga- 
tion of practical mechanical schemes. The 2.8:1 axial supersonic compres- 
sor design has been used as the basis of this study. 

Aerodynamic Performance Evaluation 

A one-dimensional vector diagram analysis was conducted at 70 percent 
speed. It has been assumed in this analysis that at the part-speed set- 
ting, the air enters the rotor with a relative angle parallel to the lead- 
ing edge suction surface of the rotor blade and that the design deviation 
angle at the rotor exit remains constant.  This has been demonstrated to 
be essentially true for supersonic compressors.  Consequently, there was 
no incidence loss, and the curve of pressure recovery versus relative in- 
let Mach number. Figure 33, established the rotor loss. The exit stator 
total pressure recovery was assumed to remain constant at 97 percent. 
Although this assumption Is known to Introduce some degree of error since 
the stator loss will vary with the Incidence angle, It was considered to 
be acceptable for this preliminary study. The calculation procedure Is 
the same as that used for the design point. 

Figure 28 presents axial stage pressure ratio versus airflow corrected to 
exit conditions (inlet corrected flow for the centrifugal stage of the 16:1 
compressor) as a function of rotor inlet and exit relative air angles for 
70 percent speed.  Efficiency lines and diffusion factors are also in- 
cluded. The diffusion factor is a measure of the degree of diffusion and 
air turning associated with the rotor geometry. The results indicate that 
a variable-geometry rotor has the potential for a considerable Improvement 
In pressure ratio and efficiency at 70 percent speed. In addition, the 
rotor airflow can be varied substantially. For the angle variations in- 
vestigated (Inlet 5 degrees and exit 9 degrees from design) , a 17 percent 
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Increase In pressure ratio, a 5 point increase in efficiency, and a 30 per- 
cent decrease in airflow resulted.  The mechanical studies indicated that a 
greater inlet angle variation may be feasible, and therefore the results do 
not necessarily represent the limiting values. The pressure ratio and ef- 
ficiency can be increased by either a decrease in exit angle or an increase 
in leading edge angle or a combination of both of these angle changes. 
These same angle changes also result in a decrease in the airflow corrected 
to exit conditions; however, a given degree of leading edge angle increase 
results in between 5 and 6 times the airflow reduction compared to the same 
degree of exit angle decrease.  In cases where the airflow mismatch is sub- 
stantial between stages of a single-shaft compressor, such as the axial/ 
centrifugal 16:1 compressor studied in this program, the most beneficial 
geometric change is toward the maximum reduction in airflow.  Increasing 
the leading edge angle while holding the exit angle constant increases 
pressure ratio as well as reduces the airflow but rapidly approaches dif- 
fusion factors well beyond 0.7, Operation in this range involves air turn- 
ing angles and diffusion far beyond the ranges currently in use or under 
experimental investigation.  Total pressure recoveries and surge prediction 
criteria are not defined for this range of geometries.  Consequently, in 
choosing the setting for evaluation in the gas generator performance 
studies, the airfoil geometry was limited to that which is consistent with 
current experimental programs. On this basis, a setting with an increased 
exit angle was chosen to permit a greater reduction in airflow without en- 
countering a high degree of turning and diffusion.  The geometry and per- 
formance for this point are as follows: 

rotor inlet air angle 75 degrees 
rotor exit air angle 33 degrees 
pressure ratio 1.62:1 
corrected airflow (exit) 1.485 pounds per second 
adlabatic efficiency 85.4 percent 

Mechanical Schemes 

A number of mechanical schemes and new concepts were reviewed as an initial 
step in the preliminary design study. Of these, only two were considered 
to have enough merit to carry into the preliminary design stage. 

Studies of these two designs were made to determine the range of geometric 
variation possible, actuation means required, and structural considerations. 
The rotor in the first scheme consists of a series of laminations which are 
staggered to effect a geometry change. The concept of the second scheme is 
a non-radial flexible leading and trailing edge portion which responds to 
the effects of centrifugal force.  This latter concept makes the geometric 
variation a direct function of speed. 

A layout of the laminated scheme is presented in Figure 29.  The typical 
airfoil sections depict the two extremes of the laminate orientations. 
The left-hand sect., fi represents the off-design setting, while the right- 
hand section la tbu, 4* <<?n.  At an off-design setting, the locus of the 
protruding corners from the staggered segments defines the effective geo- 
metric surfaces.  The relative inlet air angle is controlled by the 
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effective expansion surface angle near the blade leading edge.  The layout 
shows a 50 percent overlap at the segment interfaces for the off-design 
setting.  The effective angle variations plotted on the layout are con- 
sistent with this overlap.  Crossflow leakage, from the pressure surface 
through the splitline at the segment interfaces to the suction surface, is 
the consideration which vill determine the minimum overlap that can be tol- 
erated.  The acceptable leakage and the overlap limit can be established 
only through experimentation. The practical variation of effective geo- 
metric angle for the leading edge is estimated to be between 2 and 5 de- 
grees.  The irregular surface along the expansion side, at the part-speed 
setting, offers an additional angle effect through increased boundary 
layer; thij is estimated to be from 2 to 4 degrees, resulting in a total 
variation from design setting of ^ to 9 degrees. The exit angle change 
capability is estimated to be less than 8 degrees. The boundary layer 
effect on angle change variation at the exit is expected to be negligible 
at off-design, but the irregular surface in the design setting may result 
in some minor loss in design efficiency. The effect on secondary flow of 
the radial channels formed by the irregular surface has to be experimen- 
tally determined. 

A two-position actuation arrangement is shown for this scheme.  It has not 
been concluded that a fully variable approach is impractical, but the me- 
chanical considerations for the two-position approach appeared more 
straightforward within this study.  A mechanical scheme for accomplishing 
the desired geometric variation with the wheel rotating is depicted in 
the lower portion of Figure 29. Two internal plate clutches are utilized 
to drive the rotor. The engagement of one or the other clutch determines 
from which end the rotor is driven. With the rotor being driven from 
the rear, a series of pins in each laminate drives the adjacent laminate 
by engagement of the pin with one side of a slot. When the rotor is being 
driven from the front, the opposite sides of the slots drive the pins in 
the adjacent laminates. This mechanical arrangement results in two dis- 
crete positions of the laminates. The laminates are in one position or 
the other and not continuously variable between the two extremes. The 
slender airfoil elements of the laminates do not impose a serious stress 
problem inasmuch as this particular rotor configuration was designed 
with all the blade elements radial.  The slight bending load Imposed by 
the gas load is partially offset by the restoring moment due to the cen- 
trifugal effect. One question which arises is whether or not the laminate 
segments will be very susceptible to flutter problems. The question can 
be answered only by test, but one consideration is that the rubbing of the 
interfaces will offer some mechanical damping. Another disadvantage of 
this approach is the increased growth at the blade tips which results from 
the increased growth of the hollow disc. This may require part-speed oper- 
ation at increased tip clearances relative to a fixed-geometry rotor. A 
rotor which simulates the part-speed setting geometry of the variable- 
geometry scheme but which is designed in a fixed position for the purpose 
of experimental performance evaluation is also shown on the layout.  In the 
scheme on the layout, the laminates are fastened to two stub shafts by 
means of a common bolt circle. The laminates are equipped with two sets 
of holes.  Each set of holes represents one of the blade camber angle 
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settings.  To change from one setting to the other simply requires a dis- 
assembly and reassembly of the rotur. 

Figure 30 shows the concept of the second scheme. The leading edge and 
trailing edge portions of the airfoil are separated from the main airfoil. 
Each of these two separated sections is supported from its own flexible 
ribbon.  The ribbon and its respective airfoil section are stacked non- 
radially.  The degree of tilt from radial is a maximum at the extreme lead- 
ing edge of the leading edge section and the extreme trailing edge of the 
trailing edge section and in each cas^ decreased smoothly to radial at the 
interface with the main airfoil section.  A variation of rotor speed from 
zero to design speed causes the leading and trailing edges to deflect and 
approach a radial condition. The degree of geometric variation possible 
with this scheme is difficult to assess accurately on a preliminary basis 
because of the large number of factors involved (ribbon length, ribbon 
cross section, initial curvature of beam, etc.). The solution of a curved 
beam in a centrifugal field requires an iteration process which is beyond 
the scope of this preliminary effort.  An approximation based on some sim- 
plifying assumptions indicates a potential angle variation in the same 
range as for the laminated scheme (leading edge 4-9 degrees, trailing 
edge less than 8 degrees).  This scheme requires no mechanical actuation. 

Conclusions 

The results of this preliminary study indicate that: 

1. The variable-geometry compressor rotor offers significant 
improvement in the part-speed performance of single-spool 
high-pressure-ratio compressors. 

2. The full extent of the performance benefit cannot be assessed 
until the performance of rotor turning angles and diffusion 
far beyond the levels currently under investigation is 
established. 

3. Both the laminated and non-radial element schemes are prom- 
ising mechanical concepts for a variable-geometry rotor. 

4. Both schemes offer the same effective geometric variation 
potential. 

5. The non-radial elements provide a far simpler mechanical 
scheme, which is fully variable but is limited to the vari- 
ation schedule dictated by the speed. 

6. The problem of establishing the true operating geometry of 
the non-radial scheme under the dynamic forces of rotation 
may hamper the development of a predictable design technique. 

7. The geometric configuration of the laminated construction is 
predictable, and the variation can be accomplished at any 
desired speed. Some slight penalty in design point perfor- 
mance may be associated with this scheme, and the leakage 
and flutter characteristics have to be established. 
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(C)  SUPERSONIC AXIAL COMPRESSOR  (U) 

(U) The compressor component to be advanced under this program is a single- 
stage axial supersonic compressor.  The data and results for two designs 
are discussed In this report. 

(U)  A 2.8:1 pressure ratio supersonic (SSC 2.8) compressor has been designed 
during Phase I of this contract and Is discussed In this section.  The de- 
tailed design of the Inlet guide vanes and compressor rotor has been com- 
pleted, and procurement Is In progress for experimental evaluation of these 
components under Phase II.  A preliminary design of the exit stator and In- 
terconnecting duct has been completed, and detailed design of this compo- 
nent Is scheduled for Phase III of the program. 

(U) A company-funded program Involving a 2:1 pressure ratio supersonic compres- 
sor design Is In the rotor development and experimental evaluation phase. 
The data from this program are discussed In Appendix I. 

(U)  DESCRIPTION AND SELECTION OF SUPERSONIC TYPE COMPRESSOR 

(U) The mechanical energy addition to air In a compressor Is a function of the 
rotor airfoil section speed.  The desire to Increase the pressure ratio per 
stage and the mass flow per frontal area has led designers to pursue de- 
signs with higher rotational speeds and therefore higher section speeds. 
Thus, the next step beyond the conventional subsonic compressors was the 
Investigation of the transonic compressors and, following that, the super- 
sonic compressors. 

(U) The successful transonic compressor stages display several common attri- 
butes that distinguish them from their subsonic counterparts.  First, the 
airfoil sections have relatively sharp leading edges and small wedges. 
Second, their cascades utilize higher solidities (chord/pitch ratios), and 
the flow process clearly departs from isolated airfoil behavior to passage 
flow.  The third, and probably the mosi. significant, departure from sub- 
sonic designs is the requirement for a large spread in operational relative 
Mach number between cascade hub and tip.  (A typical spread is from .8 to 
1.3.)  It is this quality which permits radial redistribution of flow to 
provide ample choking margins and good off-design characteristics. The 
section speeds compatible with the blade relative Mach numbers and the flow 
deceleration possibilities limit the stage pressure ratio to a maximum of 
about 2:1.  The supersonic compressors possess the section speeds necessary 
to achieve stage pressure ratios in excess of 2:1. 

(U) Various types of supersonic stages have been proposed and investigated as 
described in the literature. However, when closely reviewed, these designs 
can be categorized into two fundamental rotor types: the impulse rotor, and 
the passage-contained shock-down process rotor (shock-in-rotor).  In the 
Impulse rotor, tha air enters at relatively high supersonic Mach numbers, 
undergoes little deceleration, and exits at high supersonic Mach numbers 
for both relative and absolute vectors. The shock-in-rotor type differs 
in that the shock process in the rotor passage results in a subsonic Mach 
number which may be diffused further so as to exit at even lower subsonic 
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Mach numbers. Thus the exit Stator In the latter type is not faced with 
diffusion from supersonic to subsonic Mach numbers.  Of the two, the im- 
pulse type offered the higher potential pressure ratios and therefore was 
given primary attention in investigations conducted through the middle and 
late 1950's.  The addition of kinetic energy to the air was accomplished 
very effectively by impulse rotors at highly desirable efficiencies. When 
the cycle demanded deceleration of this flow to low subsonic values, the 
efficiencies of the downstream stators and dlffusers proved to be trag- 
ically poor.  Rotor total pressure ratios of 4, 6, 8, and higher were ex- 
perimentally achieved.  In several Instances, the diffusing stator row 
permitted recovery of only about half of the rotor pressure ratio. 

(U)  The shock-down rotor, which is limited to pressure ratios near 4:1 as a 
maximum, has not enjoyed the intense Interest of the compressor community 
by virtue of this limitation. Early efforts In the late 1940's and early 
1950,s indicated that much had to be learned before desirable rotor effi- 
ciencies could be achieved. 

(U)  The early work in diffusing supersonic rotors applied cascade parameters 
that have since been shown to be entirely unsatisfactory. References 5, 
6, and 10 are typical of stationary cascade work contributing to this 
assessment.  Specifically, three areas of departure from past design are 
suggested in the following: 

1. The utilization of higher solidity values and higher passage 
length/width values. 

2. Accomplishment of flow deceleration with more nearly constant 
area passage.  This Implies substantially lower divergence 
than used In earlier designs. 

3. Utilization of body forces to aid In the control of pressure 
gradients.  This Implies hub and tip curvature as well as 
blade lean and sweep. 

(U)  Although the losses expected in the supersonic compressor rotor may be 
several times those of a conventional subsonic stage, the overall effi- 
ciency of the supersonic rotor can still be high If It is a highly loaded 
high-pressure-ratio stage. 

(U)  Investigation of the shock-ln-rotor type of supersonic compressor, there- 
fore, has been far too Inadequate to assess its true performance potential. 
It is believed that good efficiencies and high pressures can be achieved 
with proper advancement of this type of design. The relatively good effi- 
ciency that It offers together with Its rugged airfoils and capability of 
producing a pressure ratio well in excess of 2:1 in only one stage makes 
it particularly attractive as a boost stage for small gas turbine engines. 
On this basis, the single-stage axial supersonic shock-ln-rotor type of 
compressor has been selected as the component to be advanced and demon- 
strated under this program. 
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(C)  DESIGN PROCEDURES AND ANALYSIS  (U) 

(C) Aerodynamic Design (U) 

(C)  The aerodynamic design procedure Is Initiated by conducting a one- 
dimensional vector diagram analysis to arrive at a preliminary configura- 
tion which satisfies the performance goals. The final design is estab- 
lished by performing an analysis of three streamtubes (tip, mean, and hub) 
using the one-dimensional results as a guide.  In each case, the calcula- 
tion proceeds from station to station while satisfying continuity, energy, 
and radial equilibrium. A sample streamtube calculation Is presented at 
the end of the following discussion. 

(C)  Inlet Guide Vanes - A 1.5 percent total pressure loss was assumed to occur 
through the compressor inlet and guide vanes. Figures 31 and 32 present 
the plotted characteristics for the guide vanes. The radial distribution 
of the tangential velocity at the blade exit was varied to satisfy a free 
vortex flow. The exit axial velocity variation was computed taking into 
account the curvature of the flow path. A very nearly symmetrical con- 
vergence of the annulus between the inlet guide vanes (IGV) and the first 
rotor was established by assigning similar radii of curvature at the* outer 
diameter (O.D.) and the inner diameter (I.D.). The radius of curvature 
for the flow was assumed to be equal at both extremes of the path and was 
determined as the average between the effective radii of curvature at the 
hub and the tip contours. The variation of axial velocity across the flow 
path was based on a straight-line variation of the radius of curvature 
from the average value computed at the extremity to oo at the mean di- 
ameter. This variation was computed according to the method described in 
Reference 19. The mean turning of the inlet guide vanes was held to ap- 
proximately 30 degrees to provide a configuration within practical fabri- 
cation limits. The inlet guide vanes represent an accelerating flow pas- 
sage. Turbine test results have established zero incidence as the optimum 
design level; hence, this value was used for the IGV cascade. Deviation 
was computed using Carter's Rule (Reference 15) for circular arc mean-line 
airfoils. Previous experience has shown this to be a reasonable approach 
for IGV design. The solidity for the cascade was determined as the one 
which would produce the minimum profile pressure loss (British Report 
Reference 1). 

(C) Rotor - The passage total pressure recovery assigned to the rotor blade 
row Is based on the recovery curves in Figure 33. The curves are based on 
a compilation of experimental data from supersonic and subsonic cascade 
tests.  In the three-dimensional design, the tip tube aerodynamic recovery 
of the rotors is nultlplled by a correction factor, called a streamtube 
factor, of 0.99 to account for tip clearance losses.  In the hub region of 
rotors, experimental evidence has indicated that boundary layer is cen- 
trlfuged toward the tip. To account for this effect, the aerodynamic re- 
covery of the hub streamtube in each rotor Is multiplied by a streamtube 
factor of 1.01. The mean streamtube recovery is considered unaffected 
(factor of 1.0). 

(C) The calculations for the rotor include adjustment of the relative total tem- 
peratures and pressures for the energy change associated with a change in 
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the   streamline  radial  location  from the  inlet   to  the exit  Jtcurding  to the 
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(C)     The  hub contour in the meridional plane  of  the downstream half of each ro- 
tor has a curvature which turns  the flow back toward the machine axis. 
This  curvature  contributed an  outward .radial   force which was evaluated in 
satisfying radial equilibrium at the rotor exit.     This  force was added to 
the  radial  force resulting from the rotational or  tangential component 
velocity.    The radius of curvature was assumed to vary  linearly from the 
computed hub value to oo at  the tip.    As a result of the hub curvature 
effect,  the hub streamtube experienced the highest   flow  turning but  the 
least  diffusion of the  three  streamtubes analyzed  in each rotor. 

(C)    The  Reynolds number for  the  rotors is above 1.0 x 10    and laminar separa- 
tion  cannot occur,  especially  since the oblique  shocks  at  the inlet  should 
trip any laminar boundary layers which tend to exist. 

(C)    The  flow Induction process of a rotating blade row having supersonic rela- 
tive  entrance velocities has  been described and subsequently experimentally 
verified in numerous engineering efforts   (References  13 and 17).     In sum- 
mary,  it can be concluded that when the cascade is unchoked and flow de- 
flections are  limited to values permitting attachment of oblique  shock 
waves,  the blades will generate  the appropriate  shock or expansion waves 
to  cause the approach flow to enter the cascade in a direction parallel to 
the  suction surface of the blades at the leading edge.     Many of the NACA 
supersonic compressor studies  indicated that if one can attribute approxi- 
mately one degree additonal  blade thickness to boundary layer growth,   the 
stated entrance  flow theory is quite valid.    Therefore,   the incidence 
values for the first- and second-stage rotors were  selected to have the 
blade  suction surface in the  vicinity of the leading edge at an angle one 
degree smaller than the design  flow direction along the entire span. 

(C)    The operating Mach numbers,  at design speed,  of the  first- and second-stage 
rotors are between 1.30 and 1,60.    This is a region which permits very 
little passage contraction if the problems of "supersonic starting" are to 
be  avoided.    Simultaneously,  very little  flow deflection through an oblique 
shock is possible without flow detachment and its associated losses.     For 
this reason,  a leading-edge wedge angle of 4 degrees was  selected in the 
design.    It provides adequate  structural rigidity while requiring rela- 
tively small deflections of the cascade entrance  flow. 

(C) Two subtle requirements were implied by the gas dynamics solution of the 
stages. Radial equilibrium was satisfied for a given hub contour radius 
of curvature. Obviously, the hub geometry had to conform with the spec- 
ified curvature to validate  the vector solutions.     This was a strict 
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requirement In the rotor because of the magnitude of forces resulting from 
the curvature. The other requirement, which was not quite so apparent, was 
that the radial body forces, which might be applied by blade cant, be neg- 
ligible In magnitude at the rear of the blade row.  Since no such forces 
were assumed to exist In the solution of the state conditions. It was nec- 
essary to generate blades having nearly radial elements In the region of 
the trailing edge. 

(C) The sharpest practical leading edge Is desired for these designs. The de- 
sign leading-edge radius for the SSC (2.0) rotor was .0075 Inch, but this 
was reduced to .0035 Inch for the SSC (2.8). 

(C) Considerable experimental evidence Indicates that supersonic compressor 
rotors will tend to discharge flow parallel to the exit pressure surface. 
The criterion was used to establish the deviation angle at approximately 
half the exit wedge angles.  Small adjustments from strict adherence to 
this criterion were allowed to compromise with the pacsage area schedule. 

(C) Designers of contemporary turbomachinery components frequently apply a 
"blockage factor" to account for flow passage area reductions resulting 
from boundary layers. An estimate Is made of the displacement thickness 
of the boundary layers along all the walls of the flow passages, and the 
cross-sectional area Is Increased by some factor (one percent or more, 
depending on the boundary layer estimate) to provide an effective area 
compatible with aerodynamic state conditions. 

(C) The design of the subject compressor did not Include a "blockage factor" 
superimposed on the computed areas.  The total pressure recovery of the 
passage flow combined with the careful selection of area ratios and pas- 
sage area distribution provided a comparable relationship between areas 
and state conditions. Use of the recovery curve, which includes boundary 
losses, should provide a more realistic set of state conditions than of- 
fered by only area adjustment. 

(C) Experimental cascade tests at supersonic entrance Mach numbers have indi- 
cated that some configurations experience a form of local choking within 
the blade passage despite the fact that the flow area increases continu- 
ously.  This local choking tends to limit the maximum airflow which the 
passage will pass. Some correlation has been established between the ex- 
perimental local choking and the flow conditions indicated by two- 
dimensional supersonic flow net analysis for which an incremental wedge 
angle along the compression surface of the blade is too high for local 
supersonic flow attachment. Based on this information, local detachment 
within the blade passage, Indicated by a supersonic passage flow analysis, 
was utilized as the criterion for choking within supersonic blade rows. 

(C) Two blade sections were initially generated along cylinders having radii 
near the tip and near the hub, but within the flow passage. Two adjacent 
blades were always drawn to Insure that they formed a two-dimensional 
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passage having no contraction.  Turning and thickness distribution was 
allowed to vary to satisfy the passage area requirements (to avoid choking) 
and the needed radial distribution in blade section areas (structural). 
When the two sections for a particular rotor completely satisfied all 
stated requirements, three additional sections were generated on cylin- 
drical surfaces at radii representing the extreme hub, some mid-section 
and beyond the tip.  The two initial sections were stacked on their cen- 
ters of gravity, and the other sections were graphically determined. 
Straight-line elements defined the additional three sections where possible 
in the rotor. However, straight-line elements aided in generating only the 
middle 80 percent of the chord of the rotor. Leading and trailing edge re- 
gions had to be modified to satisfy the non-linear distribution of the mean 
camber line. 

(C) Upon completion of the five sections of a blade row, views were taken 
through the resulting three-dimensional passage (normal to the flow direc- 
tion) to determine the area distribution.  Since the compressor outer case 
was to be conical, the hub contour provided the only means by which adjust- 
ment of the area distribution could be made within the blade passage.  A 
smooth, continuous curve could be generated along the hub without violating 
area distribution requirements.  It should be noted that the chord of the 
rotor increases toward the tip, and the resulting trailing edge lines were 
less than 10 degrees from a radial line. This was considered to be suf- 
ficiently small that no radial body forces would result. 

(C) A two-dimensional flow net was computed for the hub area of the first-stage 
rotor, as this area appeared to be most critical. This analysis indicated 
that the expansion waves from the preceding blade tend to accelerate the 
flow which Initially strikes the leading edge of the blade. At the leading 
edge, the flow Is computed to pass through P.  detached shock and to exit 
parallel to the compression surface at a slightly reduced Mach number 
(method described In Reference 22). For this configuration, the flow local 
to the compression surface is Influenced by a second substantial expansion 
from the preceding blade prior to impinging on the first Incremental wedge 
of the compression surface. As a result, the first effective Incremental 
wedge Is 0.4 degree and the upstream Mach number is 1.49. The detachment 
angle for 1.49 Mach number is 11.9 degrees; therefore, the flow Is safe 
from detachment by a considerable margin. As the flow analysis proceeds 
in a downstream direction, the expansions from the preceding blade have an 
even greater Influence, and the detachment margin for the flow along the 
compression surface increases. 
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Pic JW Direction Relative 

Mach LO Compression Surface 
Region No. (Wedge Angle) 

1 1.42 
2 1.47 
3 1.38 
4 1.57 
5 1.49 0.4 degree 
6 1.47 
7 1.55 
8 1.54 1.5 degrees 

(C)    The hub contour through the first rotor has a curvature In the meridional 
plane which tends to Impose a compression In the  first half of the passage. 
As this effect Is a function of a subsonic meridional Mach number, a po- 
tential flow analysis would have to be superimposed on the two-dimensional 
supersonic analysis to determine the three-dimensional picture.    Such an 
analysis would be rather complex and Is considered to be unwarranted.    The 
detachment margin indicated by the two-dimensional analysis Is considered 
to be  safe enough that the compression from the hub contour does not pre- 
sent a risky condition. 

Airflow-»* 

Plane of Flow 
Net Analysis 

(C) The leading edge of the SSC (2.0) was designed with a sweep. A review of 
this approach during the design of the SSC (2.8) indicated that with a 
conical shroud this sweep reduced the leading edge span for the rotor, and 
this presented a possible source of loss In airflow induction. Conse- 
quently, the SSC (2.8) was designed with a radial leading edge. In an at- 
tempt to reduce the tip clearance of the SSC (2.8) relative to the SSC 
(2.0), an abradable nhroud was introduced. 
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(C)     Blade  spacing between the  trailing edge of the Inlet guide vane and the 

leading edge  of  the compressor rotor was assigned so as to satisfy a cri- 
terion based on unpublished turbine data existing at Curtlss-Wrlght.    These 
data Indicated  that a minimum axial  spacing of 13 percent of  the upstream 
blade chord Is  required,  below which the performance deteriorates. 

(C)    Exit Stator and Interconnecting Duct  - The preliminary design of  the exit 
stator and Interconnecting duct has been made for SSC   (2.8).     The exit 
stator has been Integrated In the Interconnecting duct which Is  required 
to meet  the  Inlet geometry of the centrifugal stage  for the 16:1  compres- 
sor.    The  stator turns  the  flow to an axial direction and decelerates It 
to an axial Mach number of 0.32  to match the required centrifugal  stage 
Inlet conditions.    Due  to the high subsonic Mach numbers entering the 
stator,  developed airfoils  are generated for this blade row also.     A zero 
Incidence was  assigned at  the design conditions.    The air turning schedule, 
the thickness  distribution,  and the hub and shroud contours have  all been 
carefully matched to provide an area schedule which continually diverges 
and presents no local choking regions.     The rates of contour turning have 
been evaluated with respect  to excessive local diffusion rates which might 
Induce  separation.    A diffusion factor of 0.357 has been computed for the 
stator.     The deviation at  the exit is  zero since an axial direction is es- 
tablished.     The flow path and blade sections are presented in Figure 34. 
The area and Mach number schedules are presented in Figure  35.    A total 
pressure recovery of 0. 97 was estimated for the stator and interconnecting 
duct.     Data  from a transonic compressor tested at Curtlss-Wrlght   (Figure 
36)  indicate  that this Is a reasonable recovery for the range of inlet 
Mach numbers  from 0.78 to 0.92. 

(C)     Sample Calculation - The calculation procedure is illustrated by  the cal- 
culation for the mean streamtube.     The assumed ambient conditions  are 

P ■    29.92 Inches of mercury absolute   (in.   Hg abs.) 
arab 

T -    5190R 
amb 

(C) The airflow (U) of the mean streamtube is approximately one-third of the 
total flow, or 1.353 pounds per second. A 1 percent total pressure loss 
Is estimated from the Inlet to station zero Just upstream of the Inlet 
guide vanes (IGV). 

PT  - 29.92 x .99 - 29.621 (in. Hg) 
o 

(C)    A uniform Mach number of 0.47 is assumed for this station,  and the isen- 
tropic area ratio A/A* is determined to be 1.4018 (tables for air -f - 1.4). 
The flow Is axial at this station, and the streamtube flow area is com- 
puted from the continuity equation: 

W   (A/A*) o 
A flow rr .im w.w 

o T 
o 

3.353  (1.4018) 519 ■ 5.599 square inches (1.4018) 
)5  (ll.il 
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At this station, the streaintube annulus area Is equal to the flow area due 
to the axial flow direction ( a = 0). At any station, the total annulus 
area is determined by the summation of the annulus area computed for each 
of the three respective streamtubes (hub, mean, and tip). The diameter of 
the streamtube at which the state conditions and vector triangles exist is 
assumed to be the one which divides the streamtube annulus area into two 
equal areas. This diameter is computed by first selecting the shroud di- 
ameter and computing the tip s treamtube annulus area. The inside diameter 
of the tip streamtube is computed and thus establishes the outside diameter 
of the mean streamtube.  The mean diameter of the mean streamtube is com- 
puted by the formula 

m 
/CD.)

2
 .4- A   Y 

v w      [   ann } \ mo' 

The hub and shroud of Che passage are chosen to be cylindrical from the 
entrance to the exit of the IGV. The turning through the inlet guide vanes 
is varied to provide a free vortex tangential velocity distribution as the 
exit.  (V,.^ - K). The axial velocity is varied to satisfy the meridional 

r l 

the hub 

(r2dv =/ 
relative Mach number to the rotor blades is desired. An iteration process 
is necessary to satisfy all of these conditions and radial equilibrium at 
the exit of the inlet guide vanes. 

tan 
curvature of 

>2 
and shroud from the IGV exit into the rotor. 

Ar + B  I dr.)     A turning angle which provides a 1.4 to 1.6 F Ar + B  jdr.) 

(dPg/dr) = V 
tan V 

ax 
gr gR 

The total pressure recovery through the guide vanes  is estimated to be 
0.994,  and the mean streamtube conditions which result from the iteration 
process at the IGV exit are 

tangential angle 

total temperature 

total pressure 

annulus area 

flow area 

a , = 31.25 

= 519° R 

= 29.62 x 0.994 - 29.45  (in. Hg abs.) 

ann 

flow 

isentroplc area ratio   (A/A*) 

- 5.531 

- 5.531 x cos  31.25 - 4.729 

*!Li_£l .2605(29.45) 4.729 T   ■ tlPM ■    :—_«. 
W VT^ 1.353y519 

- 1.177 

static to total pressure ratio       PB/P.   ■ .778  (from table of isentroplc 
2 functions) 

static to total temperature ratio (Ts/T-)! -  .931 

Mach number Hi -  .6096 
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Therefore, 

P       -   .778 x 29.45 =  22.91 In.   Hg abs. 

T      -  .931 x 519 - 4830R 
81 

acoustic velocity a1 "s/ y gRT8 = V   L^ x 32.2 x 53.3 x 483 -  1079 

velocity V    - M x aj^ « 657.2 ft/sec 

axial  component V        = V cos  31.25° =  561.9  ft/sec 

tangential  component V          = Vi x sin  31.25°  =  341   ft/sec 

mean diameter D        =     5.418  inches = Dm 

1 2 

wheel section speed for 50,700 RPM 

M   
D
m    N   TT U2 = _^2 = 1,196 ft/sec 

720 
(C)The relative conditions to the rotor inlet are then determined. 

relative tangential and axial velocity components: 

V = V    + U = 341 + 1196 = 1,537 ft/sec 
tan    tan1   I 

V V 
axial- _  ax 

2      2 
V     + v     - 1,636 ft/sec 
tsn*    ax* 

acoustic velocity = a. = a = 1,079 ft/sec 
V2 

relative Mach number = M„ ■ — = 1.518 
2  a2 

corresponding isentroplc parameters:   A/A*. ■ 1.189 

VPT 2 - .265 

T ' T 
s lT 2 - .684 

(C) The static conditions remain the same. 

P  - P    and T  - T 
82   81       82   "l 
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(C) Therefore, the relative conditions to the rotor blades are computed as 

follows 
P 

82 relative  total  pressure P      *  =  86.33 In,  Hg abs. 
2 S1/PT 

T 
S2 relative total  temperature T      ■.— r— =  705.6°R 

T 2 M 2 

V 
-1 ax2 

relative angle 2 = tan  -^ = 69.92° 
tan 

annulus area A    = A    ■ 5.531 sq in, ann    ann. 

flow area A,,   = A   x cos a _  1.899 sq in. flow-   ann«      2 =       ^ 

(C) The total pressure loss in the rotor blade passage is accounted for by 
utilizing the recovery curve (Figure 33) and a streamtube factor (1.0 for 
the mean streamtube): 

Recovery = 0.87 (at M2 = 1.518) x 1.0 = 0.87 

(C) As in the case of the solution at the station upstream of the rotor, the 
solution for the conditions at the exit station of the rotor is an itera- 
tion process.  Continuity, radial equilibrium, energy, and desired pres- 
sure ratio must all be satisfied. The mean diameter for the streamtube is 
a function of the solution. The resultant diameter is 5,418 inches and 
enters into establishing the wheel section speed and the energy change due 
to radial displacement within the rotor for the streamtube. 

°3 -HIT1' ^ 170 "'"' 
(C) The relative total temperature change in the rotor is computed by 

2    2 
U3 - U2 

AT, = :   2 = -5.10R 
T   2gJ Cp 

and TT   - T_     + A TT "  705.6 - 5.1 -  700.50R 
i3   i2     i 

The relative total pressure at the rotor exit is computed by 

/TT3\    y/r-i /7nn.s\ 3'5 

PT   - PT    x Recoveryf-y^ 1    - 86.33 x .87 x (JQ^J 

- 73.23 in. Hg abs. 
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(C) The rotor exit flow area Is established by assuming values In the Iteration 

process.  Af.   - 2.11 square Inches. 

T- flow 
By continuity A/A* -  1.124 

WVTT 
3 

(C)    The static pressure Is assumed to be high enough that this represents a 
subsonic A/A*,  and the corresponding parameters are 

M- -   .662 

(TS/TT) 

3    =   .745 

=  .919 

(PAL (C)    Therefore, P      =  P ^       V3»  54.55 In,  Hg abs. 
S3   T 3 

T  = T      (
T
S
/T

T), = 644 0R 
b3   T 3        /3 

a3 =   ^J rgRts    = 1,242 ft/sec 

V = M3 x a3 = 824.6 ft/sec 

(C) The relative exit tangential air angle Is also established by the Itera- 
tion process. When the streamtube slopes conlcally at an angle to the ma- 
chine axis («), the relationship between the annulus area and flow area is 

A..  * A   cos a cos c flow   ann 

(C) For the mean streamtube, the cos c Is small enough to neglect. 

„ _     flow,  0 ,, cos O    3^  2.11 
J " A    = Ttt ann3 

a3 = 29.27 

(C) The relative tangential and axial component velocities at the rotor exit 
are 

\r   = V, cos O  = 719.3 ft/sec tan    3      3 

V    - V- sin a  = 403.2 ft/sec 
AX« J j 
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(C) The absolute rotor exit conditions are calculated by first computing the 

absolute tangential velocity component: 

V.   = U„ -V   = 766.8 ft/sec 
tan.   3  tan. 

4 3 

V    = v   = 403.2 ft/sec 
ax,    ax„ 

4     3 

(C) li e absolute velocity at the rotor exit is 

V. = \/v2   + V2,   = 1051.3 ft/sec 
4  v  ax.    tan. 

4      4 

(C) The acoustic velocity is  a = a„ = 1, 242 ft/sec 

V, 
(C)    The absolute Mach number is        M.   =—= 0.845 v / 4      a. 

4 

(C)    The corresponding parameters are 

(A/A*) , =  1.022 

(Ps/PT)4=  0.627 

(XS/TT)   =  0.875 

P     =  P      =  54.55 in.  Hg abs. T      = T      =  6440R 
S4        S3 S4        S3 

(C)    The exit absolute total pressure and temperature are therefore 

T 
S4 

T_    = ^ 735. 90R 
4        S4/ T4 

P 
S4 

P      = z—1  = 87.00 in.  Hg abs. 

(C)    The absolute tangential angle at the rotor exit is 

1     tanA 
o.  =  tan "•L-n -=  46.83° 

4 V 
ax4 
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(C) A 3 percent total pressure loss is estimated through the exit stators and 
Interconnecting duct, and the total pressure at the axial stage exit (en- 
trance to the centrifugal stage) is 

P  - P  x 0.97 - 84.39 in, Hg abs. 
5   ^4 

(C) The total temperature at the axial stage exit (entrance to the centrifugal 
stage) is 

TT - TT - 735.90R 
l5 ^4 

(C)    The stage  streamtube pressure ratio is 

PT l5      84.39 
PT        29.92 

amb 

2.82:1 

(C)    The stage streamtube adiabatic efficiency is 

1- 

T 
To 

T5 
^P^ 

T amb 
T 

T5 
T 

-    T 
0 

x 100 = 82.2 percent 
T    T 
T  - T 5    o 

(C) Mechanical Design (U) 

The mechanical design of the compressor components, Including Inlet guide 
vanes, compressor rotor, exit guide vanes, and interconnecting duct. Is 
discussed In the following section. 

Inlet Guide Vanes - The inlet guide vanes have been designed for an NACA 
65 series airfoil thickness distribution with a circular arc mean camber 
line. The airfoils are stacked with the center of gravity along a radial 
line.  A cantilever support from the CD. Is used which Is adjustable for 
blade angle.  AMS 5655 Is the material specified for these blades. 

Rotor - The rotor blade airfoil sections are generated rather than using one 
of the standard NACA series.  The following method Is used to generate the 
airfoils.  The aerodynamic considerations define the mean camber angles and 
wedge angles for the leading and trailing edges, a reference solidity, the 
number of blades, and the leading and trailing edge thicknesses (Table VI). 
With these Inputs, a preliminary choice of blade chord length and number 
of blades Is made. A first-order estimate of the root section pure tensile 
load per unit area (P/A) stress is then performed to determine feasibility. 
If the stress appears reasonable, the design can then proceed.  A single 
section near the hub is selected for the starting section. The Inlet and 
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TABLE VI.     (C) AKRÜÜYNAMIC UKSIÜN  DATA FOR 2.8:1   SUPERSONIC COMPKHSSOR (U) 

HUB MEAN TIP OVERALL 

a o 0° 0° 0° 

0 l 
35.32° 31.25° 29.02" 

8 1 
7.0° 6.0° 5.7° 

a 2 68.95° 69.92" 71.38° 

'l 3.12° 2.95° 3.20° 

a 3 
23.55° 29.28° 35.88" 

83 4.75° 5.8° 6.0° 

a4 
43.32° 46.83° 48.88° 

a5 
0° 0° 0° 

^anni in. 
O.D..   in. 

5.4387 

5.0828 

5.5313 

5.7339 

5.5789 

6.3182 

16.549 

6.3182 

l.D.j^ in. 4.3350 5.0828 5.7339 4.3350 

% in- 

O.D.3 in. 

4.7237 5.4180 6.0331 

5.1518 5.4447 5.7428 5.7428 

I.D.3 in. 4.8715 5.1518 5.4447 4.8715 

1          Dm3 in- 5.0136 5.3003 5.5958 5.3003 

1      Aann3 in.2 
2.2069 2.4374 2.6195 7.2638                         ! 

P = mean camber angle : = average metal angle 

^2=a2 -h 
^3=a3 ■   83 

!       ßi=ai 
+  Bx 

ßo = 0o 

^4=a4 

,            ^5'a5 
= 0° 

Minimum length of 4° w 2dge (? rotor leading edge = .25" 
.0035" maximum leading edge radius - rotor 
.010" maximum trailing edge rad ius - rotor 
Use 10° trailing edge wedge angle 
Number c tf blades - 26 
Tip  solidity -  2.5 
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outlet of the line are drawn such that they Intersect near mid-chord.  A 
circle equal to the desired maximum thickness of the section Is drawn at 
this mid-chord point. A 4-degree wedge about the Inlet mean camber line 
Is constructed, while a 10-degree wedge Is used at the outlet.  A smooth 
curve Is constructed tangent to the Inlet wedge, the outlet wedge, and the 
maximum thickness circle.  This construction Is shown In Figure 37, Section 
C.  An end view (parallel to compressor axis) of the mean camber line of 
this section Is then drawn.  This will appear as an arc of a circle, since 
these generating sections He on cylinders by definition.  The section 
center of gravity is located on this arc, and a normal line to the tangent 
at this point provides the radial direction.  The radial distance of this 
section is laid off on this line to locate the compressor axis.  A series 
of radial lines is then drawn for use in generating mean camber lines at 
various radii. These mean camber lines now represent true radial elements 
about the rotor axis. Figure 40 shows these radial element camber lines. 
Cylindrical airfoil sections at each selected radius can now be generated. 
The inlet and outlet mean camber angle from the aerodynamic input is now 
matched with the radial element camber line.  An exact match can always be 
obtained but may not always be desirable. An exact match could result in 
extremes of leading or trailing edge sweep or too short a chord. A com- 
promise is often in order.  Sections D and E of Figure 37 are typical of 
the degree of compromise accepted.  Coordinate dimensions of these cylin- 
drical airfoil sections are then used as inputs to a computer program 
which transposes these sections into so-called manufacturing sections. 
These manufacturing sections are in planes parallel to the rotor center - 
line.  The computer program also determines the section properties. Fig- 
ure 41 is a typical output of the computer for one section. 

(C) The section properties along with the blade loading are combined to es- 
tablish the stresses. Figure 42 is a plot of the combined blade stresses 
for design point loading. The maximum stress is slightly over 48,000 
pounds per square inch (psi) for the bSC (2.8). A modified Goodman dia- 
gram. Figure 43, shows an allowable vibratory stress of 50,000 psi. Since 
an allowable vibratory margin of 30,000 psi is considered to be satis- 
factory, the blade stresses are acceptable. 

(C) A frequency analysis of the blade element was conducted, with the results 
as shown in Figure 44. This analysis includes the fundamental bending and 
torsional natural frequencies of the blade as a function of speed. The 
frequencies which are associated with most significant excitation forces 
are also shown as a function of speed. These are 1st and 2nd engine order 
(EO) frequencies, the 6th engine order frequency corresponding to the six 
inlet struts and the 28th engine order corresponding to the 28 inlet guide 
vanes.  The blade is acceptable for steady-state operation at any speed 
except for the interference at or near 28,000 RPM and 39,000 RPM.  Inter- 
ferences of the 28th engine order excitation occur with the blade torsional 
first mode frequency at 28,000 RPM and the first mode bending frequency at 
39,000 RPM. These excitation forces are relatively small, and there has 
been no evidence of blade flutter in the testing of the SSC (2.0). How- 
ever, caution will be exercised during initial testing, and prolonged op- 
eration at these speeds will be avoided. 
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(C)    A stress analysis of the  rotor disc was conducted with the results as shown 

in Figure 45.    A maximum stress of 104,000 psi occurs at  the bore with a 
conservative estimate of  the radial rim stress.    This value is well within 
the limits of the material, which has a yield strength of 140,000 psi. 

(C)    Exit  Stator and Interconnecting Duct - A preliminary design of the exit 
stator  and interconnecting passage of the compressor  is  shown on Figure 46. 
It Is  the arrangement depicted above the center  line.    With some rework, 
this  configuration is interchangeable with the scheme shown below the cen- 
ter  line.    The stator vanes of  this design are integral with an inner 
shroud ring and will be  fully machined from a solid section.    A single- 
piece outer shroud ring will be machined to match the contour of the O.D. 
of  the  stator vanes with only  a few thousandths of an inch radial gap. 
The  stator vanes will then be brazed to this outer ring.     Brazing of the 
stator vanes to the outer shroud ring accomplishes  two  things.    First,  it 
precludes stator tip losses;   second,  it restores  stiffness  to the rear 
bearing mount lost by having to remove material from the inner member of 
the  plenum chcmber.    This bearing mount stiffness  is of major concern, 
since it affects the critical  speed of the rotor.     The  finalized design 
may entail the addition of structure to tie the inner member to the outer 
member.    This additional  structure, however, would be placed downstream 
of the interconnecting duct. 

(C)     DESIGN PERFORMANCE     (U) 

(C)    The  design conditions and vector diagrams  for the 2.8:1  supersonic com- 
pressor rotor are presented in Figures 47 through 50.     The design per- 
formance goals are: 

IGV & Rotor IGV & Rotor & Exit Stator 

pressure ratio 2,89:1 2,80 
adiabatic efficiency 87.2 percent 82,2 percent 
airflow 4,0 pounds per second 4,0 pounds per second 
design 50,700 RPM 50,700 RPM 

(C)    The predicted compressor map for this stage is presented in Figure 3, 
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Figure 47.  (U) 2.8:1 Supersonic Compressor - Design Point Vector Diagram. 
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(U)  COMPRESSOR TEST RIG 

The compressor teat rig is cümposed of two m,njor elements: the compressor 
unit and a steam driviog turbine.  The compressor unlc section and the 
prime mover are completely Independent assembly packages for maximum }-pst 
efficiency and flexibility.  The turbine drives the test compressor 
through a spllned quill shaft. 

COMPRESSOR UNIT 

The layout of the compressor unit of the test rig Is shown on Figure 46. 
The test section is a self-contained unit. The compressor rotor is 
straddle mounted on rolling element bearings with the single-row ball 
thrust bearing at the front end. The axial stage rotor blades are ma- 
chined Integral with the disc from an AMS 5643 forging. This material can 
also be precision cast with essentially the same physical properties. An 
Integrally cast rotor is envisioned for the production item, since low cost 
and simplicity are part of the desired goals. The front and rear stub 
shafts are bolted to the rotor disc by means of a common bolting joint. 
The shafts were not made integral with the disc to minimize hardware costs 
for the number of rotors to be evaluated. For weight considerations, an 
engine design would have Integral shafting. 

The thrust bearing is located in a six-strut fabricated inlet housing. The 
six struts of the housing are doweled to the Inner and outer housings and 
brazed. Pressure and scavenge oil for the front bearing pass through the 
struts. One strut Is used to vent the bearing scavenging cavity, and the 
remaining three struts supply pressure air to the bearing oil seal. The 
thrust bearing is lubricated by two separate jets 180 degrees apart. Bear- 
ing cavities are provided on both sides of the bearing for proper oil scav- 
enging. Lubrication and scavenging are provided from separate test stand 
oil systems. Thermocouples for monitoring bearing oil temperatures are in- 
cluded in the oil system. The thrust bearing oil seal, which normally 
would be subjected to the suction pressure ahead of the rotor. Is slightly 
pressurized by means of an external air supply. A pre-grooved, rub- 
tolerant, labyrinth seal limits the flow of this external air into the 
compressor main stream. A conservative estimate of the L10 life of the 
thrust bearing was calculated to be 113 hours. This life is based on de- 
sign point loading. The inner race retaining nut of the thrust bearing 
Incorporates a face spline at the upstream end. The spline teeth provide 
a variable gap for a magnetic pickup and rotor speed determination. At 
this time, strain gages are not anticipated for stress monitoring. How- 
ever, provisions in the inlet housing have been made to mount and drive a 
high-speed, water-cooled, slip ring assembly should strain gaging become 
necessary. 

An analysis was conducted on the rig shafting in order to establish its 
critical speeds. The shaft was mathematically represented by the 21 point 
lumped parameter system shown in Figure 51, To simulate the spline con- 
nection between the compressor rotor and quill shaft, a hinge was intro- 
duced at Station 9. The fictitious values for A L and I introduced at this 
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point maintain a continuous shear and deflection while permitting a discon- 
tinuity in the moment and slope.  The critical speeds of this system were 
predicted by computer LOG 115, which uses Prohl's Method. The critical 
speed is a function of the spring rates of both the front and rear bearing 
supports. During the final review of the test rig critical speed analysis, 
it was decided to increase the spring rate of the rear bearing support from 
1.2 x 10^ to 10? pounds per inch. Although the calculations indicated a 
critical speed beyond the operating range, the results were considered to 
be too sensitive to a variation in the spring rate at its original level. 
The new spring rate approaches that of the rear bearing support in the cur- 
rently operational supersonic compressor (SSC 2.0) test rig and thus ap- 
proaches the same overall confidence level. The spring rate of the front 
bearing support is essentially the same as that of the SSC (2.0), which has 
encountered no evidence of critical speed problems in operation through 100 
percent speed.  The critical speed as a function of the total front support 
spring rate (k i ) is shown in Figure 52. The results indicate that by 
varying the thrust on the front bearing, the spring rate can be increased 
to a point such that the rig is operating well up on the flat plateau re- 
gion of the critical speed curve. 

An important feature of the compressor rig Is the incorporation of adjust- 
ability for the inlet guide vanes. The method of construction permits 
manual resetting of blade angles during shutdown with disassembling the 
compressor.  The blades are cantilever mounted in a separate housing, with 
blade orientation being established by machined flats on the external stems 
of the vanes. External nuts are utilized to secure the vanes In position 
in the casing. 

The rotor radial tip clearance at design speed has been dimensionally set 
at .001 - .003 inch. This requires a cold setting clearance of .010 - .012 
inch. This close running clearance Is made possible as a result of the 
following factors: 

1. All housings are assembled with interference fits at the pilots. 

2. The bearing bores are machined with all the housings assembled. 

3. The rotor is axlally positioned to obtain the .010 - .012 inch 
cold clearance by means of a selective spacer. 

4. A sep rate rotor shroud is lined with an abradable aluminum 
graphite matrix. 

The rear bearing support is a fabricated structure and serves as the col- 
lector housing for the compressor discharge air. Figure 46 shows two ar- 
rangements of this housing. The arrangement above the center line depicts 
the "S" duct and exit stator vanes that normally would precede a second- 
stage centrifugal compressor. The arrangement below the center line illus- 
trates the configuration that will initially be tested. In the latter 
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Note:     Station 0  Includes 
Mass  of Shaft 
Overhang 

Bear ing 

kj Brg. 
Thrust 

on 

lüx i56 

in. 
Bearing 

lb 

.58 250 

.69 305 

Spring Rate at    - 

k ■ 1 structure 

2.5 X ID6 lb/In. 

.10 

.05 

0.5 

1.0 

Hinge 

-7^- ^ 

Note:    k-   Includes 

Flexibility of 
Rover Shaft 

k, =10.0X10 lb/1 
3 str.                  , 

i,     k, .    , =2.6AX10 lb/ 
k.      3 shaft            , 

k3 br    =.58X10 lb/in 

 y \ 

Mode Shape for Critical Speed <= 61,400 rpm 

k    -  .472 k2 - 1.15 k3 - .494 X 10    lb/in. 

Figure 51.     2.8:1 Supersonic Compressor Rig - Critical Speed Analysis. 
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I 

k 
te:  k_ Includes 

Flexibility of 
Rover Shaft 

i, .  =10.0X10 lb/in, 
3 str. 
t, . ,^=2.64X10 lb/in. 
3 shaft     , 
i, .   =.58X10 lb/in. 
3 brg. 

Ip h 

Station 

M 
Mass 

lb/sec2/in. 

Polar Moment 
of Inertia 

2 
lb/in/sec 

Oiam. Moment 
of Inertia 

lb/in/sec 

L 
Length 

I 
Moment of 
Inertia 

A 
Area 

No. in. in? in? 

0 .0016 .0004169 .0002084 .580 .01908 .4902 Bearing 
I .0004223 .00008195 .00004098 .790 .09880 .7421 
2 .002182 .003117 .001559 .325 4.485 4.785 
3 .009772 .03949 .019795 .310 4.6125 5.6703 Eccentrici 
4 .001407 .001992 .000996 .580 .624 1.948 
5 .001234 .0005895 .0002948 .720 .275 1.521 
6 .0002876 .00005617 .00002809 .285 .1168 1.0J09 
7 .0002106 .00004390 .00002195 .225 .07706 .6721 
8 .0001411 .00002351 .00001176 .400 

1 X 10 
.03975 

1 X 10 ^ 
.4902 

9 .0001206 .00008046 .00004023 1 .3848 Bearing-Hii 
10 .000022 .000001170 .000000585 .630 .01178 .3848 
11 .0002161 .00008735 .00004368 .630 .00555 .2642 
12 .0003714 .00004733 .00002367 1.20 .04353 .5212 
13 .0003816 .00006375 .00003188 1.00 .04353 .5212 
14 ,0003816 .00006375 .00003188 1.00 .04353 .5212 
15 .0003816 .00006375 .00003188 1.00 .04353 .5212 Eccentrici 
16 .0003816 .00006375 .00003188 1.00 .04353 .5212 
17 .0002519 .00003852 .00001946 .575 .03276 .4298 
18 .0004029 .0001274 .0000637 .980 .06319 .3299 
19 .0003882 .00006207 .00003103 .980 .06319 .3299 
20 .0007026 .0001199 .00005995 .000 - - Bearing 
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arrangement, the compressor rotor is followed by a stralght-slded annular 
passage.  An annular diffuser slows the air down from this passage before 
dumping it into the collector plenum chamber.  The large drilled and tapped 
holes at the aft end of the straight-sided annular passage are for instru- 
mentation.  It can be seen that the inner portion of the bearing support is 
quite substantial. A rigid bearing support was required in order for the 
critical speed of the compressor to be above the design operating speed. 
The critical speed data are fully covered in the beginning of this section. 
The rear roller bearing is lubricated by two separate oil Jets 180 degrees 
apart. Bearing cavities are provided on both sides of the bearing for 
proper oil scavenging. The scavenge oil from this bearing drains into the 
turbine section through appropriate drain holes and then into the test 
stand oil system. The rear bearing oil seal is pressurized by the dis- 
charge air from the rotor. 

The collector housing terminates in a single outlet of approximately 5-1/2 
inches diameter. The test stand back-pressure valve attaches to the flange 
of this outlet. 

DRIVE TURBINE 

The prime mover for the test rig is a converted small gas turbine (Rover 
Model 15/60) capable of operating at the required speed and power.  The 
centrifugal compressor of the gas turbine has been replaced with a disc 
having the same mass moment and center of gravity location.  The substitute 
disc also serves as a balancing piston for counteracting the thrust of the 
turbine.  Steam is supplied to the turbine by a steam jacket which replaces 
the burner can. A test stand oil system provides oil to the bearings and 
scavenging of the bearing drains. As previously mentioned, the turbine is 
connected to the compressor rig through a spllned quill shaft. These 
y. ^es are oil lubricated to minimize spline wear caused by misalignment. 

\ui.s prime mover has been operating for approximately six months, driving 
rhe SSC (2.0) with relatively minor difficulties. 
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(U)  PHASE II TEST PLAN 

A test plan has been prepared for the 2.8:1 supersonic compressor experi- 
mental rotor development program to be conducted in Phase II of this con- 
tract. The testing procedures, instrumentation, test equipment, and meth- 
ods of data reduction and analysis are discussed in this plan. The test 
plan is presented in Appendix II of this report. 
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(U)     APPENDIX  I 
2:1  SUPERSONIC COMPRESSOR 

The Wright Aeronautical Division of the Curtiss-Wright Corporation is con- 
ducting a program for the design and development of a single-stage axial 
supersonic  compressor with a design pressure ratio of 2.08:1.     The  tech- 
nology  developed under  this program is closely related  to that of the 2.8:1 
supersonic  compressor;   therefore,   the results obtained  to date are presented 
in  this  appendix. 

The design of the  inlet guide vanes and compressor rotor for the 2:1  com- 
pressor has been completed.    Experimental evaluation of  the  inlet guide 
vanes has also been completed,   and the rotor development phase which  in- 
volves  the experimental evaluation and modification of  the  rotor with 
inlet  guide  vanes  is  in progress. 

DESIGN  PERFORMANCE 

The design conditions and vector diagrams for the 2:1 supersonic compressor 
rotor are presented in Figures 53 through 56. The design performance goals 
are: 

IGV & Rotor IGV & Rotor & Exit Stator 

p- i-suro ratio 2.13 2.08 
u<- ib»tic efficiency 81.2 percent 79.0 percent 
aix 5.>« 4.0 pounds per second 4.0 pounds per second 
des. ,,< 50,700 RPM 50,700 RPM 

The p:   vile ted compressor map is presented in Figure 1. 

EXPERi;;;-. Vi"AL_DATA 

Inlet Guide Vane Flow Test 

The first phase of the experimental program for the 2:1 supersonic com- 
pressor involved a flow test of the inlet guide vanes without the com- 
pressor rotor present.  This test was performed to evaluate the perfor- 
mance of this blade row relative to the design values and to establish the 
off-design performance.  It was not possible to measure this performance 
during rotor testing, since the axial spacing between the inlet guide vanes 
(IGV) and the rotor is too small to allow adequate instrumentation with- 
out Jeopardizing the safety of the rotor. Although it is recognized that 
the conditions at the IGV exit, when the rotor is inducing the flow, are 
not duplicated in the flow test, it was considered that these data would 
serve as a reasonable approximation of the performance of this blade row. 
In this test the inlet ducting, inlet housing, and IGV housing from the 
compressor rig were attached to an air supply capable of flowing in excess 
of 4.0 pounds per second. The air exiting from the IGV discharged to am- 
bient conditions.  A traversing yaw probe was installed at the exit plane, 
and the total pressure profiles and air angles were determined. A total 
pressure rake located at the  inlet duct of the compressor rig, which is 
the same rake used in the  >mpressor testing, was used to establish the 
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Figure 56.  2:1 Supersonic Compressor - Rotor Design Exit Conditions. 
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entering total pressures and temperatures.  A standard ASME orifice located 
in the iniet system was used to measure the airflow.  The results of this 
test are presented in Figures 57 through 59.  The data are plotted in terms 
of absolute airflow. At the operating inlet conditions, an absolute air- 
flow of 5.17 pounds per second is comparable to the design corrected air- 
flow of 4.0 pounds per second.  The results essentially verify the design 
parameters with the exception of the deviation in the area of the shroud 
streamtube being 2 degrees higher than design. The recovery is computed 
by an area weighted calculation.  This results in the lower limit of re- 
covery, since the mass rate in the wake region is lower than that of the 
mainstream. Figure 60 is a photograph of this test arrangement, and Figure 
61 is a photograph of the inlet guide vane. 

Rotor Development (SSC 2.0) 

The second phase of the test program is for rotor development. The inlet 
guide vanes and compressor rotor are tested together in this phase, and 
their overall performance is evaluated.  The test procedures and instru- 
mentation for this program are the same as those described in Appendix II. 

Figures 62, 63, and 64 are photographs of the rotor, assembled compressor, 
and compressor installed on test stand respectively. Figures 65 through 67 
present the results of testing the first compressor rotor (configuration 1). 
A second configuration with slightly larger tip diameter (^.050 inch) was 
tested but gave poorer performance due to excessive leading edge thicknesses 
and bluntness. 

The data from these tests indicate that the +6-degree inlet guide vane (IGV) 
setting provided the highest efficiency at 100 percent speed and a peak 
pressure ratio higher than for the design IGV setting. The +10-degree IGV 
setting resulted in the highest airflow but lowest efficiency. The design 
pressure ratio was achieved in these tests, but the efficiency and airflow 
were below design values.  The efficiencies presented on the maps are based 
on a direct average of pressure ratio and temperature rise from hub to tip. 
A mass weighted efficiency was calculated, using a data reduction computer 
program (described in Appendix II), to be 78.5 as compared to the 77 percent 
peak efficiency indicated on the compressor map for the +6-degree IGV set- 
ting.  It should be noted that the inlet guide vane is designed to turn the 
flow against the direction of rotation, and the +6-degree setting designates 
turning the IGV 6 degrees further against the rotor rotation than at the 
design setting. 

Direction Oi. 
Rotation 

107 

Rotor 
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Figure  60.     Inlet Guide Vane Flow Test, 
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Figure 61,  Inlet Guide Vanes, 
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Figure 62.  2:1 Supersonic Compressor Rotor. 
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100 

1.0 1.5 2.0 2.b 3.0 3.5 

Corrected Airflow -   (W>/8)/8   (lb/sec) 

Figure 65,    2;1 Supersonic Compressor - Rotor Test Data - Configuration 1, 
IGV's @ Design Setting. 
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The plot of the difference between the experimental relative air inlet 
angle and the angle formed by the expansion surface at the leading edge of 
the rotor blade is presented in Figure 70.  This figure indicates that an 
incidence angle of bet\ sen 2.2 degrees and 3.3 degrees with respect to the 
blade expansion surface should be used to establish an expansion angle 
which will produce the design flow conditions (reduce the angle). The in- 
cidence referred to here differs from the conventional definition in that 
the conventional approach relates the relative air angle to the mean lead- 
ing edge angle (average of expansion and compression surface - see Figure 
68), It has been concluded that a rework of the leading edge surface 
angle accordingly on the next configuration is required to achieve design 
performance. The results of testing configuration 2 have emphasized the 
importance of maintaining the sharpest practical leading edges to^jMeve 
high performance li. this type of compressor. 

The 2.8 supersonic compressor has been designed for sharper leading ec 
thicknesses (.007 inch) compared to those of the 2.0 compressor (.015 inch) 
and has allowed for an additional I degree of Incidence. 
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Air Direction 
(Relative) 

Conventional Incidence Angle i = yfl - a 

Modified Incidence Angle        i1  =£ -o 

Figure 68.    Schematic Illustrating Incidence Angle Definitions, 
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(U)     APPENUIX II 
PHASE   II TEST PLAN 

OBJECTIVE 

The objective of the rotor development program is to evaluate the combined 
inlet guide vanes and rotor performance u£ the 2.8:1 single-stage super- 
sonic compressor design through experimental testing, data analysis, and 
design modifications.  The performance goals for the inlet guide vanes and 
rotor are: 

pressure ratio       2.8:1 
adiabatic efficiency  87.2 percent 
airflow 4.0 pounds per second 
design speed 50,700 RPM 

APPROACH 

The inlet guide vane performance for this compressor has been established 
independent of the rotor by a flow test program using an external air 
supply. These data will be used in the analysis of the combined inlet 
guide vane and rotor data. 

The first step in the program will be to develop a compressor map between 
40 and 100 percent speed by obtaining experimental data for the initial 
design configuration with the inlet guide vanes at their design setting. 
Compressor maps will also be developed between 70 and 100 percent speed 
for two other inlet guide vane settings. Complete temperature and pressure 
data will be recorded during the testing. 

The data points in the 90 to 100 percent speed range, which represent peak 
pressure ratio and peak efficiency, will be analyzed to establish vector 
diagrams that satisfy the experimental data. The experimental vector dia - 
grams will be compared to the design conditions to pinpoint deficient 
areas. 

Based on the results of the data analysis, design modifications will be 
established. These modifications will be Incorporated in the compressor 
hardware by machining, blade bending, and similar means. 

An experimental map for the modified configuration will be developed at 
the  optimum guide vane setting, and the cycle will be repeated. At least 
two compressor builds are estimated for this series. 

A redesign is planned after the first series of tests to correct defi- 
ciencies which require modifications beyond the limits of reworking the 
existing hardware. It is expected that the key design modifications will 
be established in the first test series. 

A second test series will be conducted with the redesigned component or 
components in the same manner as the first test series. Three builds are 
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estimated for the second series, in which final hardware modifications will 
be made.  A complete compressor map will be developed between 40 and 100 
percent speed for the final configuration. 

TEST CONFIGURATION 

Compressor 

1. The compressor build will include the inlet guide vanes and the 
2.8:1 pressure ratio rotor but no exit stators or interconnecting 
duct. The compressor will be mounted to and powered by the steam- 
driven Rover Turbine on test stand WX25R.  See figures 71 and 72. 

2. The inlet guide vanes will be set in the zero position (design 
setting) initially, but repositioning may be required as indi- 
cated by the test results. 

3. The rotor blade clearance will be set at .010 inch for the initial 
build. This setting is expected to result in a ,002 to .003 inch 
running clearance with the abradable shroud surface.  Interference 
of the rotor tips and the abradable shroud is not planned for the 
first build. The self-grinding feature of the rotor tip and shroud 
will be included in subsequent builds after the vlbrational char- 
acteristics of the compressor have proven satisfactory.  This 
should insure tracking in to a minimum running clearance. 

4. An external air supply will be used to pressurize the cavity be- 
tween the front oil seal and the rotor labyrinth seal. This 
pressurlzatlon serves to balance the axial forces on the rotor to 
minimize bearing loads and to provide a pressure differential 
across the oil seal to eliminate oil leakage. 

Test Equipment 

1. Air Inlet System - The air inlet system consists of an air filter, 
a calibrated air bottle, a convergent adapter, and approximately 
seven feet of straight ducting. 

2. Exit Air System - The compressor exit set nil is connected to a 
close-couple valve with a divergent adapter. The exhaust air 
from the close-couple valve is ducted and dumped into the ver- 
tical stack of the steam exhaust system. 

3. Turbine Thrust Balance System - Pressurized air is supplied to 
the downstream side of the turbine balance piston to reduce the 
thrust load on the bearing. An automatic system maintains the 
air pressure equal to the steam pressure at the exit of the tur- 
bine stator. 

4. Oil System - Oil is supplied from a pump to three inlet points 
on the compressor and turbine at a pressure of 30 psi. The 
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Figure  71.    Compressor Test Rig Installation. 
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inlet points feed respectively: (a) compressor front bearing, 
(b) compressor rear main bearing and turbine front main bearing, 
and (c) turbine rear main bearing. The oil from the compressor 
front main bearing collects In the compressor sump, while the re- 
maining oil collects In the turbine sump. The return oil from 
both sumps is scavenged with a comnon pump. 

INSTRUMENTATION 

Compressor Speed 

A magnetic pickup Is set to sense six lobes on the front compressor shaft 
nut. The signal is fed into an eput meter for direct RFM readout.  The 
signal is also fed Into an oscilloscope, and the R?M is periodically 
checked against a known frequency calibration signal. 

Compressor Airflow 

The pressure differential across a standard calibrated air bottle is mea- 
sured on an inclinometer to determine the compressor airflow.  The air 
bottle is located at the entrance of the compressor inlet air system. 

Compressor Pressures 

The compressor pressures to be measured include fixed total pressure 
probes, a traversing yaw probe, and static pressure taps. All of the 
pressures, except those from the traversing probe, are recorded on manom- 
eter banks which are photographed.  The data from the traversing probe is 
recorded on X-Y plotters. The locations and ranges of all pressures are 
detailed or. Table VII. 

1. Inlet Total Pressure - The inlet total pressure is measured by 
a five-element total pressure rake located in the inlet ducting 
upstream of the compressor. The probe elements are located at 
the centers of equal areas along the zero-degree radial position 
from the duct center line to the I.D. 

2. Rotor Exit Total Pressure - The rotor exit total pressure is mea- 
sured with ai array of fixed-position total probes and a tra- 
versing yav probe. These measurements are made at an axial sta- 
tion which represents the leading edge plane of the exit stators. 

The fixed total probes are positioned at yaw angles of 0°, 25°, 
and 50° to cover the exit flow angle variation expected between 
wide -open throttle and the surge line and at three radii which 
represent the hub, mean, and tip streamtubes. These fixed total 
probes are distributed uniformaly at various circumferential 
locations. 
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TABLE VII.     INSTRUMENTATION 

Instrumentation Axial 
Location 
Clrcumf. Radial Operating Range 

Quick Look 
Board 

5 Inlet Totals 
(Pressures, 
Temperatures) 

Static Pressure 
In Labyrinth Cav. 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Statics 

3 Pitot, a - 50° 

1 Pitot, a   - SO" 

Inlet  Duct 

Leading 
Edge   IGV 

Leading 
Edge  IGV 

Trailing 
Edge  IGV 

Trailing 
Edge IGV 

Leading 
Edge-Rotor 

Mid Chord 
Rotor 

Trailing 
Edge-Rotor 

Leading Edge 
Exit Stator 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

180° 

6*,  122°. 
238* 

6°,  122'. 
238° 

6',  I22,> 
238° 

6*, 122*, 
23b' 

40',  16(,\ 
274» 

27*,  153*. 
261° 

14',  140', 
248' 

27»,  153°, 
261" 

27",  153°, 
261* 

1.21", 2.09", 
2.68", 3.18", 
3.62" 

Flow Path 
O.D. 

Flow 
I.D, 

Flow 
O.D, 

Flow 
I.D. 

Flow 
O.D. 

Flow 
O.D. 

Flow 
O.D. 

Flow 
O.D. 

Flow 
I.D. 

Path 

Path 

Path 

Path 

Path 

Path 

Path 

Path 

-60 tc 0 In. Hg gage 

-60 to 0 In. Hg gage 

•60 to 0 in, Hg gage 

-60 to 0 in. Hg gage 

-60 to 0 in. Hg gage 

-60 to 0 in. Hg gage 

-60 to 0 In. Hg gage 

0 to 60 In. Hg gage 

0 to 60 in. Hg gage 

0 to 60 In. Hg gage 

0 to 60 in. Hg gage 

Exit Duct 
Station 2 
(0.49" Aft  ) 
(of Station I) 

27», ISS', 
261" 

Flow Path 
0 D. 0 to 60 in. Hg gage 

Exit Duct 
Station 3 
(2.14" Aft  ) 
(of Station I) 

27', 153°, 
261° 

Flow Path 
O.D. 

0 to 60 In. Hg gage 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

0°. 126°, 
234'' 

0.228" from 
Flow Path 
O.D, 0 to 60 in. Hg gage 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

18°, 243° 0.082" from 
Flow Path 
O.D. 0 to 60 in. Hg gage 

pressure 

I pressure 

I pressure 
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TABLE VII   - CONTINUED 

IiMtniaantatlon Axial 

Location 

Clrciuaf. Radial Operating Range 

Quick Look 

Board 

1 Pltot, « • 50° 

I Pltot, I 

I Pltot, a - 25" 

1 Pltot, 

1 Pltot,I 

3 Total 1c 
Thermo e 

1 Total 1c 
Thermo a 

1 Total 1c 
Thermo Q 

1 Total 1c 
Thermo a 

1 Total 1c 
Thermo a 

25° 

25' 

- 50' 

so- 

so' 

0" 

2S0 

Traversing Probe 
(Total pressure) 
(Total tempera- 
ture) 
(Yaw Angle) 

Exit Duct 
Station I 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station I 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

Exit Duct 
Station 1 
(Leading Edge) 
(Exit Stator ) 

225"', 342° 

108° 

252° 

90° 

270° 

54°, 180°, 
306° 

72° 

288° 

162° 

198° 

279* 

0.371" from 
Flow Path 
O.D. 

0.228" from 
Flow Path 
O.D. 

0.228" from 
Flow Path 
O.D. 

0.082" from 
Flow Path 
O.D. 

0.371" from 
Flow Path 
O.D. 

0.228" from 
Flow Path 
O.D. 

0.082" from 
Flow Path 
O.D. 

0.371" from 
Flow Path 
O.D. 

0.228" from 
Flow Path 
O.D. 

0.228" frou 
Flow Path 
O.D. 

variable 

0 to 60 in. Hg «age 

0 to 60 In. Hg gage 

0 to 60 In. Hg gage 

0 to 60 In. Hg gage 

0 to 60 In. Hg gage 

50 to 500°F 

50 to SOO'P 

50 to 500°F 

50 to 500°F 

50 to 500°F 

0 to 60 In Hg gage 

SO to SOO'P 
0 to 70° 

1 pressure 

I pressure 
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The  traversing yaw probe senses and automatically aligns the  probe 
along the flow yaw angle and is capable of a continuous traverse 
from the  tip to the hub of the annular passage.    During a tra- 
verse,   the total pressure,  yaw angle, and total temperature  are 
recorded on X-Y plotters as a function of radius. 

3.     Static Pressures -  Static pressure  taps are located on the O.D. 
and I.D.  of the flow path in the inlet section and at  the leading 
and trailing edges of each of the blade rows.     Static taps  are 
also located at the leading edge,  mid chord,  and trailing edge of 
i       rotor shroud.    These pressures are measured at each of  three 
eij ally spaced circumferential locations. 

Compressor Temperatures 

The compressor temperatures Include fixed total temperature probes and a 
traversing  total  temperature probe.    The  fixed probe total temperatures 
are read out from a multiple selector Brown recorder, while the traversing 
probe temperature is recorded on an X-Y plotter.    The detailed locations 
of the thermocouples are presented in Table VII. 

1. Inlet Total Temperature  - The inlet  temperature is measured by a 
five-element total temperature iron-constantan   (I.C.)   thermocouple 
rake,  which is located and spaced the same as the inlet total 
pressure rake. 

2. Rotor Exit Total Temperature  - The rotor exit total  temperature 
Is measured with an array of fixed-position total temperature 
thermocouples and a total temperature thermocouple on the  tra- 
versing yaw probe.    These measurements are made at an axial  sta- 
tion which represents the leading edge of the exit stators. 

The yaw angles and streamtube locations of the thermocouples are 
the same as those described for the rotor exit total pressures. 
A switch box arrangement permits the recording of exit tempera- 
ture both as an absolute value and as a temperature rise with 
respect to the inlet temperature. 

The traversing thermocouple is a part of the same traversing yaw 
probe as described for the total pressure. 

Vibration 

Vibration pickups are located so as to record the vertical and horizontal 
vibrations at the front compressor support,   turbine front support, and tur- 
bine rear support.    The vibrations are recorded in units of acceleration 
(g's),  since the displacement values are less than 0.1 mil. 
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Oil Temperatures and Pressures 

The oil  temperature Is recorded at the Inlet and outlet  of «-he compressor 
rig,  and the temperature rise  Is monitored ae an Indication of satisfactory 
bearing operation.    The oil inlet pressure Is recorded to  insure adequate 
oil   flow. 

Steam Pressure 

The  steam pressure Is recorded upstream of the control valve and at the In- 
let  steam Jacket for the  turbine. 

Blade "tresses 

Provisions have been made to Incorporate strain gages on  the compressor 
rotor blades.    Slip rings are available, and an alternate design for In- 
corporating this unit In the compressor rig has been made.    The final de- 
cision as to whether or not this instrumentation is necessary will depend 
on the results of the rotor static natural frequency calibration and sub- 
sequent final review of th6 flutter analysis. 

PRETEST INSPECTIONS 

Dimensional Inspection 

Dimensional inspection of the hardware is performed prior to and during as- 
sembly to establish and check critical dimensions,  clearances, and airfoil 
geometry. 

Blade Natural Frequencies 

The  static natural vlbrational  frequencies of the blades are measured by 
exciting the blades and calibrating their natural  frequencies    0alnst a 
known frequency on an oscilloscope.    A microphone is used to sense the blade 
frequency.    The results are compared to the predicted values, and the blade 
flutter analysis is reviewed. 

Rotor Balancing 

The compressor and turbine rotors and shaft assemblies are balanced to 
within .001 - .003 ounce-inch at 2500 RPM prior to assembly. 

Magnaflux 

The compressor rotor is given a Magnaflux inspection prior to assembly. 

TEST PROCEDURES 

Table VIII presents the scheduled test points. The following sequence of 
steps describes the normal test procedure: 
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j                  TABLE VIII.  SCHEDULED TEST POINTS                   | 

Percent 
Speed             (Wye)/5 P/P 

40          Wide-open throttle 

2.0 

1                              1*5 
1.2 

Surge point 

60          Wide-open throttle 

2.7 
1                              2.5 

Surge point 

80          Wide-open throttle 

3.5 

1                              3-4 
Surge point 

1            90          Wide-open throttle 1.80 
2.0 
2.2 

Surge point 2.32 

100          Wide-open throttle 2.08 
2.3 
2.6         ! 
2.8 

|                         Surge point 2.90 

*The above points are estimated based on predicted performance and are 
intended as a guide. Deviation from predicted performance may require 
adjusting the data points to be run. 

133 Page   143   of   149   Pages 

i 



1. All subsystems such as the oil system and the balance air systems 
are started and checked for proper operation prior to opening the 
steam control valve and starting the compressor. 

2. The steam control valve Is then activated, and the compressor 
speed Is brought slowly up to the first test speed with the close- 
couple valve for the compressor air system in the wide-open posi- 
tion (maximum airflow). The vibration meter is monitored contin- 
uously throughout the test, 

3. The inlet temperature is noted after it has stabilized, and the 
speed is then adjusted to the desired corrected speed (N/^B )• 

4. After all instruments are stabilized, a complete set of data is 
recorded, including a photograph of the manometer banks and full 
traverse from tip to hub with the traversing yaw probe. 

5. A constant speed line is taen developed by closing the close- 
couple valve while maintaining speed, until the next scheduled 
reduced weight flow is attained.  Step 4 is then repeated. Four 
to five test points are planned for each speed line. The final 
test point on a given speed line is obtained by closing the close- 
couple valve until compressor surge is audible. The weight flow 
at which surge is first detected is noted, and the close-couple 
valve is opened until a weight flow slightly above surge is at- 
tained. This point is then taken as the last data point on the 
speed line, 

6. The close-couple valve is set wide open, and the compressor is then 
accelerated to the next highest speed. The process is repeated for 
each of the scheduled speed lines up to 100 percent speed.  In the 
range of 90 to 100 percent speed, where the speed lines are ex- 
pected to exhibit almost constant weight flow, the constant speed 
line is developed by closing the close-couple valve to meet pre- 
scribed increments of increased pressure ratio rather than incre- 
ments of reduced weight flow. 

DATA PRESENTATION 

Compressor Map 

The standard compressor map in which the adiabatic efficiency and total to 
total pressure ratio are plotted against corrected weight flow for each of 
the corrected speed lines will be generated and compared to the predicted 
map. The predicted stage map is presented on Figure 3. This map will be 
based on the average compressor inlet conditions and the average rotor exit 
conditions (measured at the inlet station for the exit stator design).  The 
corrected conditions and efficiency are computed as follows: 
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" 

Where: 

Where; 

Where: 

Where: 

Corrected airflow»   (Wa^8)/8 

Wa =  actual measured airflow In  pounds  per second 

ye Inlet 

inlet 

reference 

■  average  total temperature at  the  compressor 
Inlet   (0R) 

T    ,: -  5190R reference 

Corrected speed • N/^B 

N = actual measured speed In revolutions  per minute  (RPM) 

v 0 =  same as above 

(N/v8   measured) 
Percent speed = X 100 

(N/ye design) 

(N/vB ) measured = same as above 

(N/ye ) design = 50,700 RPM 

Pressure ratio = P„ .P 
1.1  T 
4  o 

T, = Total pressure integrated from hub to tip of the absolute 
velocity vector leaving the rotor. 

T = integrated total pressure at the compressor inlet. 

AH' 
Adiabatic efficiency =!=^^  100 

Where:   A H = the isentropic enthalpy rise for the measured pressure 
ratio (BTU/lb). 

A H = the actual enthalpy rise based on the average measured 
total temperatures at the compressor inlet (T. , ) and 

the total temperature of the absolute rotor exit velocity 
vector integrated from hub to tip (BTU/lb). 
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Rotor Exit Conditions 

The following rotor exit parameters will be presented as a function of ra- 
dius from hub to tip: 

Total pressure 
Total temperature 
Absolute Mach number 
Absolute flow angle with respect to axial 

Vector Diagrams 

The velocity vector diagrams representing the rotor inlet and outlet con- 
ditions will be presented for three streamtube positions and will be com- 
pared to the design vector diagrams. 

DATA ANALYSIS 

A data analysis computer program will be used to construct the streamline 
paths, mass flow weighted pressure ratio, and efficiency and vector dia- 
grams which satisfy the test results.  The inputs for this program are the 
measured inlet and outlet radial profiles of total pressure and total tem- 
peratures, the measured weight flow, and the compressor geometry.  The 
program computes a solution which satisfies these Inputs and radial equi- 
librium for both tangential velocities and meridional streamline curvature. 
In addition to the parameters discussed above, numerous other parameters 
are calculated by the program, such as streamtube diffusion factors, loss 
coefficients, and Incidence and deviation angles. 

The data analysis will be run for key test points such as peak pressure 
ratios and peak efficiencies in the 90 to 100 percent speed range and for 
any other points which may give some insight into deficiencies in the de- 
sign.  In each case, adjustments will be made to the program inputs until 
the solution best satisfies all of the measured data (e.g., static pres- 
sures and total temperature and pressure profiles). This solution will 
then be used to analyze deficient areas and to resolve what modifications 
will improve the performance. The compressor design techniques and em- 
pirical data will also be re-evaluated based on these results. 
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