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ABSTRACT

Summaries of fluctuating pressure data presented in Volume 1 for 1/15th-scale
X-20 models are made and discussed. Particular emphasis is given to the high
overall rms pressures measured aft oi convex corners during transonic test
conditions. Additional information relating to these pressures is presented in
the form of pressure histories, peak-amplitude distributions, and power spec-
tral densities. Fluctuating-pressure data and space correlation measurements
for three closely spaced microphones are presented, illustrating the local nature
of the high-level pressures. Analyses of trends for the maximum overall rms
pressure levels for the X-20 tests and other wind-tunnel tests are made. Design
charts are developed for predicting maximum levels aft of cone-cylinder transi-
tion sections as functions of transition angle and distance downstream of the
transition shoulder. Recommendations are made regarding future aerodynamic
noise experimental programs.
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ABB3WEVIATIONS AND SYMBOLS

A microphone designation for Ames wind tunnel test

B microphone designation for Boeing wind tunnel test

Plocal- P.
C, pressure coefficient

M Mach number

SPL sound pressure level in db re 0.0002 microbar (overall, unless other-
wise noted).

SV, free-stream velocity

d diameter

t frequency

Plocal local static presstire

SPn(t) pressure at microphone n at time t

overall pressure value computed
12 2 graphically from measured data assum-i [0• band level, (psi)2 f

Pbandwlevel (ps) ing the trend of level vs. frequency
~rms bandwidth, (cps)

o can be extrapolated outside of meas-
ured frequency range.

pM free-stream static pressure

Sqw free-stream dynamic pressure

x distance aft of shoulder

angle of attack (positive when nose is up)

yaw angle (positive when nose is right as viewed from top)

6* boundary layer displacement thickness
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1.0 INTRODUCTION

Boundary-layer noise, which is generated by turbulent flow, has been investigated
both theoretically and experimentally for the past decade. Methods have been de-
veloped for predicting sound spectra from given values of density, velocity, and
boundary-layer displacement thickness. The methods, however, are applicable
only to smoothly contoured vehicles and for conditions of attiched flow with no
shocks. Flight and wind-tunnel tests have shown that fluctuating pressures exist
on localized areas of a vehicle during transonic flight that are many times greater
than normal attached-boundary-layer noise pressures. These higher rms pressures
are associated with fluctuating shocks and separated flow near vehicle contour
changes or surface irregularities. Because of potential structural failures and
equipment malfunctions, it is important to have methods available for predicting
all forms of aerodynamically generated noise. Specifically, it is desirable to
predict the sound spectra associated with various flight conditions and local
vehicle geometry.

During the X-20 program, wind-tunnel tests were conducted on 1/15-scale models
of the X-20 vehicle. The first test, conducted in Boeing wind tunnels, consisted

Y of 480 test runs with the glider; the other test, in the 14-foot transonic wind tunnel
at Ames Research Center, included 202 test runs with the glider as a paylod on
a Titan 624A booster. Test reports were released (Refs. 1 and 2) that give data
from selected test conditions. (These references contain only the data; no analy-
sis of trends is included.) A great range of additional test data existed, most of
it still on magnetic tape, that could form the basis for a more general analysis
of aerodynamic noise.

This program was undertaken to further reduce and analyze data from the above
wind-tunnel tests. In selecting the test runs to be included in the study, transonic
tunnel conditions and regions near vehicle contour changes were emphasized.
Volume 1, the data report for this program, contains more than 3500 curves show-
ing octave-band sound pressure level versus frequency. This document, Volume
2, is the summary and analysis report, and also contains the results of several
types of data reduction not included in the first volume.
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2.0 BACKGROUND

2.1 TYPES OF FLOW

Fluctuating forces of aerodynamic origin occur on the surface of a flight vehi-AL4
as a result of various flow conditions. The fluctuating forces of primary interest
result from (1) the passage of turbulent eddies within the boundary layer, (2) re-
circulatory flow or vortices within separated flow or wake regions, (3) shock-
wave/boundary-layer interaction, and (4) alternations from separated to attached
flow. In addition to these w.de-band, random pressures, discrete-frequeney
pressures produced by the Von Karman vortex-street phenomenon may occur
downstream of sharp protuberances such as antennas. No such diserete frequen-
cies were detected during X-20 model testing; as a result, this phenaomenon is
not discussed here.

At low-subsonic Mach numbers, the flow around the vehicle is attached, and the
primary source of fluctuating pressure is the convected field of eddies formed by
the scrubbing action of the flow against the vehicle skin. This type of pressure
fluctuation, resulting from tar•..+ attcl-d - - -- . ...... nas been .- veesti-
gated by several experimenters. Surfaces used for the measurements have in-
cluded wind-tunnel models, wind-tunnel walls, flat plates, pipes, glider wings,
and other smoothly contoured flight-vehicle surfaces. Although considerable
work is needed in collating the results of different investigators, it is believed
that the results of these studies can be collapsed to a reasonable set of data on
the basis of (1) a nondimensional Strouhal frequency parameter formed by the
nrodr,,t of measured frequency with boundary-layer displacement thickness and
the reciprocal of the eddy convection velocity, and (2) a pressure-level parameter

3uch that the overall rms pressure i- proportional to dynamic pressure. The
overall rms pressure is taken to be nominally 0.006 qc,,. The peak of the spec-
trum (constant-percentage-bandwidth plot) occurs at a Strouhal number (f 6*/V,)
of approximately 0. 14. More recent investigations (Ref. 3) have indicated that
a better scaling parameter for the pressure level is skin friction, 1w, which is
closely related to the state of the boundary layer.

At higher Mach numbers, the boundary layer separates from areas of th. body
where the flow passes sharp, convex corners such as boat-tail sections and cone-
to-cylinder transition sections. For the cone-to-cylinder transitions of interest
here, the flow is first compressed on the increasing cross section of the cone.
It then expands, passing through an abrupt reduction in pressure at the. corner,
which strongly accelerates the flow to velocities greater than free-stream velocity.
Progressing aft of the corner, the fl.;;" is deceleraLed tuward frbe-stream condi-
tions and the boundary layer moves into an adverse pressure gradient. Depending
on the state of the boundary layer at the corner and the magnitude of the adverse
pressure gradient, the boundary layer either remains attached or becomes sepa-
rated, with possible reattachment further downstream. Within the separated zone,
the positive pressure gradient causes flow in the direction opposite to the free stream.
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A typical pressure distribution on a cone-cylinder model in separated flow is
shown in Figure 1(a). The velocity profiles indicate the direction of the mean
flow near the model. The reverse flow in the separated region interacts with
the turbulent, 9eparated boundary layer, causing recirculatory eddies within the
region that result in unsteady pressures on the vehicle skin. The time-varying
pressure arising from separated-flow turbulence is similar to the pressure from
an attached boundary layer in that it has random amplitude variations symmetric
about the mean pressure present; however, it is larger in overall magnitude and
has greater low frequency content than would be pr.-dicted on the basis of dynamic
pressure and boundary-layer displacement thickimess. Separated flows can cover
large areas of the vehicle, and, with low back--flow velocities, significantly large
areas of positively correlated pressures could result.

As the Mach number is further increased, the flow around the corner becomes
supersonic and significantly compressible, so that the flow is attached for some
distance downstream of the shoulder where the supersonic zone is terminated by
a near-normal shock that strongly interacts with the boundary layer. This flow
condition is sketched in Figure 1(b). Within the attached portion of the flow up-
stream of the shock wave, the fluctuating pressure observed should be of the same
level and frequency as predicted from normalized experimental data based on UP,
VC, and q. or Tw. Downstream of the shock where the severe adverse pressure
gradient of the shock has caused the boundary layer to separate, fluctuating pres-
sures, characteristic of separated flow, result. The subsonic boundary layer allows
the higher pressure downstream of the shock wave to feed forward under the shock;
this in turn increases the pressure gradient at that point and tends to move the
boundary-layer separation point upstream. The balance between the initial flow

conditions that position the shock and the tendency of the shock to move forward
is unstable; this causes the shock to move randomly about a small region of the
vehicle so that the flow in this region alternates randomly between attached and
separated conditions. The resulting pressure is first a fluctuating pressure
characteristic of the attached-flow condition, and, alteinafelY. f lucP.:iting pres-
sure characteristic of separated flow. The latter pressures ai,. of a .elatively
higher rms value. In addition to the different rms fluctuating pressure levels,
a different mean pressure is associated with each flow state, which causes the
pressure felt by the skin as a function of time to appear as a rectangular wave
train of fixed peak-to-peak amplitude (Ap in Figure 1(b)), but randomly varying
pulse width. This is in addition to the superimposed random amplitude noise that
is characteristic of the particular flow state. Areas of negative correlation are
produced by the opposite directions of the pressure change fore and aft of the
shock, and a large time-varying couple about that point is imposed on the vehicle
surface.

Reported static pressure distributions for cone-cylinder models indicate that peak-
to-peak pressures as high as 60 percent of q. may result from this flow instability
(Ref. 4). Data reported in Reference 4 indicate that the back pressure behind the
shock can move the shock forward to the shoulder, separating the flow at the
shoulder. This is followed by reattachment of the flow and shock in cyclical

4 4
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fashion so that a fluctuating pressure between the two flow conditions would be
imposed over a relatively large area of the vehicle. Measurements on the X-20
model and data reported in the literature, however, indicate that the highest rms
pressures resulting from this flow instability are felt at a particular time only
over a small area of the vehicle. Data and measurements also indicate that, with
increasing Mach number, this rms pressure is reduced as the shock moves rear-
ward on the vehicle, and that its interaction with the boundary layer is less pro-
nounced. As the shock moves downstream of the shoulder, the pressure resulting
from this interaction is expected to progress continuously from the predominantly
low-frequency, high-level spectra imposed close to the shoulder to the low-level,
high-frequency spectra characteristic of the undisturbed boundary layer.

At still higher Mach numbers, the shock moves aft of the vehicle, the boundary
layer is attached over the entire region aft of the corner, an( pressures are char-
acteristic of attached-boundary-layer-flow noise. This flow condition is sketched
in Figure 1(c).

Portions of the X-20 model not located near abrupt vehicle contour changes are
expected to have an attached boundary layer throughout the transonic range. The
overall rms pressure experienced should be approximately 0.006 q., with the
frequency at which the noise spectrum reaches a peak, increasing in proportion
co free-stream velocity.

Areas of the X-20 model aft of convex contour changes experience local flow
accelerations. As the Mach number increases through the transonic range, these
areas are expected to experience pressures characteristic of the different types
of flow: (1) separated flow (prms/q. on the order of 0.05), (2) shock/boundary-
layer interaction (Prms/qc > 0.1), (3) supersonic attached flow (Prms/q. ; 0.006).
These areas are the top of the pilot's canopy and downstream of the transition
section betwecn the X-20 and its booster. Data obtained with microphones in these
areas are emphasized in this report. At supersonic free-stream conditions, the
attached boundary layers over the entire X-20 modeA are expected to produce
overall rmns pressures of less than 0.01 q., with the spectrum peaking at high
frequencies. Analysis of supersonic data is not presented in this volume, but the
data presented in Volume 1 indicate levels of this general magnitude.

2.2 SCALING

The scaling philosophy adopted in this study is as follows. A true geometric scale
model with flow characteristics similar to those of a full-scafe vehicle has the
same overall rms pressure fluctuations at geometrically similar locations, but
when applied to the full-scale vehicle spectrum, presented in constant-percentage-
bandwidth form, undergoes a frequency shift inversely proportional to the scale
factor. (This statement is based on dimensional analysis (Ref. 5), experimental
data for acoustic models of jet flows (Ref. 6), and flows with attached boundary
layers (Ref. 7).) For the model flow to be similar to full-scale flow, dimensional
analysis indicates that Mach number and Reynolds number must be identical, but
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this is not feasible for wind tunnels using air for the flow medium, qt asum,•p-
tion that must be made, then, is that approximately similar flow results if Mach
number and dynamic pressures are identical and if the Reynolds number for the
model test is sufficiently high.

A summary of experimental and theoretical results relating transonic buffet pres-
sure from models to full scale has been made by Rainey (Ref. 8). The conclusion
reached is that it is reasonable to expect (1) that mransonic buffet pressures are

Z dimensionally well-behaved, and (2) that frequency scaling by the inverse-scale
relationship is valid. In the current analysis, some additional data are presented
that tend to strengthen the argument for scaling. It is recognized, however, that

F transonic data from a controlled set of models covering a wide scale range are
required to fully validate the present scaling approach.

Based on the scaling considerations outlined above, the overall sound pressure
levels presented in this report (both Volumes 1 and 2) are expected to be the same
as those for a similar full-scale vehicle opel ating in a flow with identical Mach
number and dynamic pressure, except that all octave band data for the model
would be shifted downward in freeuency by a factor of 15, the reciprocal of scale
factor, to apply to the full-scale vehicle. To be strictly correct, the full-scale
pressures predicted would be those that would be measured with full-scale trans-
ducers 15 times the effective diameter of the scale-model transducers, and would
represent the pressure averaged over the active surface of the transducer.

2.3 DATA PRESENTATION FORM

In this report, the aerodynamic fluctuating pressure data are presented primarily
in the form of sound pressure level (db) in constant-percentage frequency bands
(e.g., octave) versus frequency, with each band level plotted at the center fre-
quency of the banca on a logarithmic scale; this is a common form for presenting
acoustic data. Two other methods for presenting aerodynamic noise data are in
common usag6. These methods are (1) spectral density (psi2 /cps) versus fre-
quency on linear scales, and (2) spectral density versus frequency on logarithmic
scales. These three methods of presentation are cempared in Figure 2 with data,
from Microphone Location A-33, both for the data measured on the 1/15-scale
X-20 model and for the inferred pressure spectrum of a full-scale model.

In Figure 2(a), the plotting form for spectral density versus frequency with both
scales linear makes the data from the two model sizes appear quite different,
both in level and in spectrum shape. In this form, it is difficult to determine if
the data for the two model sizes are compatible. Neither the overall level nor
the frequency and level for the spectrum peak are obvious from either curve, and
values at low and high frequencies are difficult to read because of the slopes of
the curves that result from the great range of level and frequency necessary to
plot aerodynamic fluctuating pressure data.

The logarithmic plot (Figure 2(b)) of these same data allows the spectral density
to be read easily throughout the frequency range. The relative magnitude of the

7
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overall levels for the 1/15-scale model and the full-scale model is not apparent
without close examination of the data, however, even when the o'erall levels are
identical, as for the curves shown. To superpose the two curvei;, and thereby
demonstrate that the data are related through the scale factor, it is necessary to
shift the model data downward in frequency and upward in lFwel, both shifts by a
factor of 15. The actual frequency of the peak of the spectr an for this type of
plot occurs at the knee of the curve.

In Figure 2(c) the data are presented in the form of mean-squared pressure per
octave versus frequency, with logarithmic scales. The use of narrow bandwidths
(e. g., 1/9th octave) is necessary to verify experimentally that discrete frequencies
are not present in a particular noise sample. Full octave bandwidths, however,
appear to be adequate for the definition of the "White" noise pressures resulting
from flow noise. In the constant-percentage-bandwidth form, the reduced fre-
quency scaling relationship for the two models is most readily apparent. This
data presentation allows the relative magnitude of the overall leve l s and the mag-
nitude of the frequency shift to be recognized immediately. Data from a variety
of model sizes can be compared or normalized to full scale by a simple frequency
shift, and no change in level is necessary. Since the spectrum peak is readily
apparent, scaling relationships are detected easily. The equivalent decibel scale
is shown to the right of Figure 2(c).

The conversion of measured band sound pressure levels (SPLBand) in db re 0.0002
dyne/cm2 to power spectral density, (psi)2/cps, values is done in the following
manner: 10fM cps

PS"ntlg{SPLBand - 170.8 -10 log lcp,
• PSD =antilog

where 170.8 is the sound pressure level equivalent for_1.00 psi, and Af is the
bandwidth used. For N percentage bandwidth, Af = Nfc/100, where fc is the
center frequency (geometric mean) of the band. (N is 70.7 for an octave
bandwidth.)

1 9



3.0 MODEL DESCRIPTION

For the Boeing transonic and supersonic tunnel tests, a 0.066-scale model of the
X-20 glider was strut-sting mounted with 19 Statham pressure transducers in-
stalled to measure the fluctuating pressure on the model glider.

Two general model configurations were used throughout the Boeing tunnel tests:

1) Glider without transition section (Figure 3);

2) Glider with transition section (Figure 4).

Detailed locations of all glider pressure transducers used during the Boeing tun-
nel tests are shown in Figure 5.

In the Ames transonic tunnel tests, a 0.067-scale model configuration of an X-20
glider as a payload on a Titan 624A booster was used. Figure 6 shows the model
mounted in the wind tunnel. The locations of pressure transducers used to meas-
ure aerodynamic noise on the model can be sebn in Figure 7. (While 28 trans-
ducers were used in the test, only the 18 transducers selected for the present
study are shown in Figure 7.)

The Ames model configuration included the X-20 heat shield over the forward
portion of the canopy, whereas the Boeing model did not. This gives rise to
different transition angles (6) for the canopy region of the two models, the angle
being 28 degrees for the Ames model and 36 degrees for the Boeing model.
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Figure 6 : Glider/Booster Model in Wind Tunnel (Ames Tests)
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4. 0 INSTRUMENTATION

The instrumentation and calibration procedures used in the wind tunnel tests are
described in Volume I. A few pertinent excerpts are given below.

For the Boeing tunnel tests, the Statham PA 208-TC pressure trarusducer was
ased to measure fluctuating pressures on the model glider. The.:e transducers
were rated to operate over a pressare range of 0 to 15 psi, i.ad che transducer
systems were capable of measurements over the frequency range of 0 to 5000 cps.
Diaphragm diameter for these transducers was 0. 50 inch. As indicated in Fig-
ure 5, probe tubes were used 'n the wing locations. The inner diameter of these
tubes was 0. 04 inch. Data were recorded using an Ampex FR-1100 tape recorder.

The pressure transducers used in thA Ames tunnel tests were desigrned and fabri-
cated by members of the Ames Research Center staff. They were a bonded strain-
gage type, each consisting of two active elements, with an external bridge mounted
negr the active arms., On the model insLallation, the transducers were mounted
with their 0. 25-inch-diameter diaphragms flush with the model surface. Original

recording of the data was accomplished using a Honeywell Model LAR 7400 tape
recorder.

4.1 DATA REDUCTION

To obtain -ictave band sound pressure level readings from the magnetic tape, a
Bruei and Kjaer system consisting of the Model 2112 spectrometer, 1620 exten-
sion filter, and 2305 graphic level recorder was used. The reference level was
obtained from a calibration tone of known level on the tape.

The frequency response of the elements used in making the high-speed oscillo-
grams shown in this report was within plus or minus 0.5 db from 0 to 3000 cycles
per second.

For power spectral density measurements, the key instruments in the system
were a Technical Products Company Model TP-627 analyzer, a TP-626 oscillator,
and a TP-633 power integrator. Filter bandwidths used in the analyzer were 5
cps for the frequency range of 10 to 250 cps, 20 cps for the 250- to 1000-cps
range, and 50 cps for frequencies greater than 1000 cps. The data sample length
and scan period were 12 to 15 seconds; the integration time was 4 seconds.

Peak amplitude distribution measurements were made with a system using a
Tektronix Model 545 oscilloscope as the trigger element. A time' of good
repeatability operated a mercury relay to gate the noise sample. The voltage
level corresponding to a particular peak-to-rms ratio for the noise sample was
set on the oscilloscope, and the output pulse obtained from the oscilloscope for
each trace triggering was counted on an electronic counter. The rms value of
the narrow-band-limited noise sample was measured with a Ballentine Model 320
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scope was less than the period corresponding to the highest frequency component
in the noise sample being measured, and that all amplifiers in the system had
adequate peak-handling capabilities.

4.2 WIND-TUNNEL PARAMETERS

Nominal test section parameters for the wind tunnels are given in Tables 1, 2,
and 3.

Table 1
Nominal Test Section Parameters (Boeing Transonic Tunnel)

STATIC DYNAMIC TOTAL REYNOLDSMACH PRESSURE PRESSURE TEMP NUMBER/FT
NUMBER (PSFA) (PSFA) (OR) (106)

0.5 1780 315 566 2.86

0.6 1660 418 577 3.19

0.7 1530 523 583 3.48

0.8 1390 620 580 3.76

0.85 1310 667 582 3.85

0.9 1240 709 586 3.91

0.95 1180 746 593 3.92

1.0 1110 782 597 3.95

1.1 982 839 607 3.94

Table 2

Nominal Test Section Parameters (Boeing Supersonic Tunnel)

MACH TOTAL STATIC DYNAMIC TOTAl. REYNOLDS
NUMBER PRESSURE PRESSURE PRESSURE TEMP NUMBER/FT

(PSFA) (PSFA) (PSFA) (OR) (106)

1.5 2840 763 1200 510 6.5

2.0 3885 504 1400 510 7.5

2.5 5760 345 1500 510 8.8

3.0 8640 236 1500 510 10.0

3.5 12960 169 1450 515 11.8

18
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5.0 DISCUSSION OF RESULTS

5.1 SUMMARY CURVES

Volume 1 presents more than 3500 octave band SPL-versus-frequency curves
arranged in an orderly sequence to cover the various transducer locations, model
attitudes, and wind-tunnel conditions. This information is summarized here in
Figures 8 to 11. Additional data are presented in Volume 1 for two categories
not included in the summaries: (1) the supersonic data, which were very low in
level, and (2) the data taken with the model oriented at 90 degrees in the Ames test.

The octave band sound pressure levels for various Mach numbers for 16 positions
on the model are shown in Figure 8. The positions chosen demonstrate the rela-
tive dependence of SPL on Mach number encountered at locations near different
vehicle contour features. Typically, the curves increase in level at a rate of 3 db
per octave, reach a broad peak, then drop off at higher frequencies. The frequency
for the peak octave band level and the maximum level reached are strongly depend-
ent on Mach number and on location relative to vehicle contouring. As the Mach
number is increased, there is a tendency for the overall level to increase and for
the frequency at which the peak level occurs to be progressively lower. At a
"critical" Mach numbar the level drops off abruptly and the spectrum again peaks
at a higher frequency. Large changes in level and peak frequency resulting from
Mach number changes are observed downstreamu of a\ shoulder, such as at Posi-
tions A-27 and B-2. In contrast, for positions where there is little change in con-
tour, the maximum level reached is much lower, and there is less change in levelor peak frequency with a change in Mach number (e, g., B-4 and A-20).

Figure 9 shows the variation in overall SPL observed at fixed Mach numbers as a
function of angle of attack. For regions of the vehicle where the influence of Mach
number on SPL is small (i.e., not near vehicle contour changes), variations in
SPL with changes in a for a given Mach number are likewise small. For these
locations and at a fixed Mach number, a small upward trend (about 2 db per 10
degrees) in SPL with change in a is indicated as ( brings the location to the lee-
ward side (B-4, B-5, B-10, B-12). For a transducer located near a shoulder and
for the Mach number range in which the SPL is highly dependent on Mach namber,
the SPL varies appreciably with angle of attack at a fixed Mach number (B-1 at
Mach 0. 8 and 0.85). This apparently results from the change in shock location
with respect to the transducer for a fixed Mach number. Although no general
trends with a are discernible for locations near contour changes, it is believed
that varying a has little effect on the maximum levels reached at a particular
location; i.e., angle of attack changes only alter the Mach number at which the
maximum SPL occurs for a given position on the vehicle.

The ratio of overall rms pressure to dynamic pressure is plotted in Figure 10,
with the ratio values expressed in direct and in decibel form. These values are
plotted versus Mach number for different positions on the vehicle. The data shown
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are typieal for minronhonp !nocatinns where m-er11-.-* =& pressure varies signifi-

cantly with Mach number. Progressing upward in Mach number, the curves snow
relatively high Prm,/q,, values; then, a significant drop occurs often quite abruptly
at a "critical" Mach number. The free-stream Mach number associated with this
abrupt change in level is typically in the range of 0.85 to 0.90. A typical maxi-
mum Prms/qo value for locations downstream of a shoulder is 0.1 (i. e., about
25 db above the nominal value of 0.006 associated with boundary-layer noise for
attached flow). For Mach numbers above the critical value, the prms/q. ratios
are on the order of 0.006, although conside-.able variation from this value is ob-
served for specific locations. Difficulties resulting from low signal-to-noise
ratios for portions of the test prevented obtaining accurate high-frequency data
at some of the highest Mach numbers when the sound pressures were low. In
these cases, estimates of the high-frequency portion of the spectra were made
to obtain the overall SPL for determining Prms/q•. Where the high-frequency
portions of the spectra were estimated, these prrls/q= values are indicated by
open symbols in Figure 10.

The total range of octave band sound pressure levels observed at 16 locations on
the vehicle during the transonic tests are qhown in Figure 11. Data in this figure
cover the total range of angles of yaw, elevon and rudder deflection, and h4-degree
angle of attack range, for the Mach number range of 0. 7 to 1.08. Extremely large
variations in level are seen for locations on the vehicle near contour changes the
largest ranges being associated with the lower frequencies. An inspection of Fig-
ure 8 will show that a large portion of the total octave-band SPL variation results
from Mach number changes. The large range in octave-band sound pressure levels
illustrates the difficulty of attempting to predict accurately the levels for a par-
ticular flight condition and vehicle location.

5.2 ELEVON AND RUDDER EFFECTS

The Boeing transonic tunnel test covered a wide range of elevon and rudder setti Igs.
Data from each microphone location were examined where possible for fixed Mach
number and model attitude values (but different elevon and rudder settings), to
determine the effect on the SPL at a given location. Except at Location B-11, the
effects of elevon and rudder settings were negligible.

5.3 REPEATABILITY OF DATA

Considering microphone locations other than B-11, the repeated Mach numbers
and model attitudes may be viewed as repeated test conditions for the purpose of
evaluating the merit or confidence of a single data sample. Table 4 shows the
variation of the octave band measurement from the mean value when three or
more repeated (except that ellevon and rudder settings vary) conditions were avail-
able for comparison. Octave-bandSPL variations for different microphone loca-
tions, Mach numbers, and angles of attack are included in the results of Table 4.
The octave-band sound pressure level measurements include possible variations
that occur in the tunnel conditions, model settings, and data recording and
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Table 4 Repeatability of Data for Boeing Transonic Tunnel Tests

OCTAVE BAND PERCENT OF DATA WITHIN INDICATED DECIBEL RANGE
CENTER FREQUENCY OF THE MEAN OF THREE OR MORE MEASUREMENTS

(CPS) + 0.5 DB ± 1 DB + 2 DB

16 42.5 69.5 91

31.5 51.5 79.5 95.5

63 55 80.5 94.5

125 64 85 96

250 64 84 96

500 49 79 96

1000 55 82.5 96.5

2000 69.5 86.5 96
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reduction. The data in Table 4 were based on approximately 350 readings per
octave band. From the table, it can be seen that for repeated data runs, about
95 percent of the octave-band!SPL measurements fell within d2 db of the mean
of three or more measurements.

5.4 LOCALIZED PRESSURE CHARACTERISTICS

The pressures on the model resulting from the unsteady flow alternations brought
about by the shock wave interacting with the boundary layer tend to be highly
localized and significantly change their character either at a fixed location for
small changes in Mach number, or at a fixed Mach number for small changes in
location. Data presented in Figures 12, 13, 14, and 16 from Microphones B-i,
B-2, and B-3, located aft of a shoulder on the pilot's canopy, illustrate the local
nature and complexity of this type of fluctuating pressure source.

Figure 12 shows the variation of space correlation coefficients, measured in octave
bandwidths, for Microphones 1 with 2 and 1 with 3 as a function of Mach number
(Figure 12 (a-c)) and as a function of microphone separation distance (Figure 12
(d-f)) for three different octave bands. The important features of these curves
are as follows:

1) For the two lower octave bands shown, the correlation between Microphones
1 and 3 becomes increasingly and significantly negative as the Mach number
is increased, up to about Mach b. 86; then, at higher Mach numbers, the cor-
relation becomes approximately zero or somewhat positive.

2) Microphones 1 and 2 tend to be uncorrelated for the lower Mach number range;
then, they show a positive correlation (about 0.7) for Mach numbers above 0.9.

3) For the Mach number where the SPL is highest (M it 0.84 for Microphone 1),
high positive correlation ( > 0.5) exists for only a small distance downstream
(< 0.5 inch for this particular model).

The variation with frequency of the negative correlation seen in Figure 12 for
Microphone B-1 with B-0- is shown in Figure 13 for Mach 0. 86, with associated
SPL spectra. The correlation coefficient data shown were measured with 1/9th,
1/3rd, and full octave bandcvidths. The agreement among the three measurement
bandwidths is good, indicating that very little important detail is lost in using
octave band analysis for this type of noise.

The pressure events producing the negative correlation shown in Figure 12 be-
tween Microphones 1 and 3 can be seen in Figure 14, which shows simultaneous
pressure histories from Microphones 1, 2, and 3 at Mach 0. 87. Significant
correlation between Microphones 1 and 2 or 2 and 3 is not apparent. The pres-
sure history from Microphone 2 appears as an ordinary random-amplitude noise
signal expected for turbulent-flow noise. The traces for Microphones 1 and 3 also
show a random -amplitude noise character but in addition have pressure pulses
characteristically resulting from alternating attached and separated flow states.
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Figure 131 Comparison of Data from Two Microphone Locations Downstream
of a Shoulder (a) Octave Band Sound Pressure Level Versus
Frequency (b) Space Correlation Versus Frequency for Three
Analysis Bandwidths.
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These pressure pulses are in opposite directions for the two traces, giving
rise to the negative correlation measured between Microphones 1 and 3 for the
lower Mach numbers.

Similar pressure pulses are present in the pressure histories observed aft of the
X-20 transition section at Mach numbers characteristic of the highest SPL condi-
tions. Short samples of different types of pressure histories with their associated
octave-band SPL-versus-frequency data are shown in Figure 15. Observed high-
level, low-frequency spectra do not always exhibit a rectangular wave character
as shown for A-27; some tend to have low-frequency pressure fluctuations and
exhibit wave forms similar to that shown for A-32. These low-frequency pres-
sure fluctuations presumably are due to changing flow conditions or are a result
of a complicated interaction of the shock wave with the boun-1ary layer at or near
separation. The upper two pressure histories shown in Figure 15 for microphones
aft of the X-20 transition section probably result from alternating flow situations
or shock oscillation; the lower pressure t.ace, for a microphone located on the
rudder, shows random noise typical of that produced by the passage of turbulent
eddies in the boundary layer. Considera~le energy is present at the low frequen-
cies for the upper two traces, the spectra peaking at approximately 20 cps and
63 cps, respectively. The lower level spectrum (A-8) corresponding to the random
pressure history is peaking at 500 cps or higher.

The frequency for the spectrum peak and the octave band'SPL associated with this
peak frequency are plotted versus Mach number in Figure 16 for locations B-i,
B -2, and B -3. At Mach 0.8 these microphones sense high levels; this is followed
by a large drop in level at Mach numbers of 0.88, 0.91, and 0.93, respectively.
Just prior to this rapid change in level with Mach number, there is a large increase
in the low-frequency content of the pressure spectrum as shown by the shift of the
spectrum peak to lower frequency. At higher Mach numbers (M _ 0.95) the fre-
quency for the spectrum peak si-ifts back to a high value, and the level remains
low. The peak frequency for Microphone B-3 shifts with increasing Mach number
to lower frequency, back to higher frequency again, lower frequency again, and

then returns to a high frequency. A possible explanation for this particular action
is presented as part of the discussion that follows.

The high leve1 of the rms pressure fluctuations for these three locations, together
with pressure histories (Figure 14) showing ,ressure jumps, suggest the presence
of unsteady shock-wave/br,.mdary-layer interaction. The negative correlation of
the pressuire jump in signals from B-i and B-3 and their lack of correlation with
signals from B-2 at low Mach numbers, followed by the tendency toward positive
correlation of all three microphones at higher Mach numbers, indicate a localized
complex-fiow condition is present about the three microphones. A Ilow model such
as a shock-induced separation bubble can be employed to rationalize the data of
Figures 12, 13. 14, and 16. For Mach numbers near 0.86, the local flow condi-

tions about the microphones are sketched in Figure 17 (a,b).
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Flow conditions alternating between (a) and (b), caused by fore and aft oscillation
of the shock-wave attachment point, produce signals (at the three microphones)
that appear as sketched in (c). The observed negativo correlation between Micro-
phones B-1 and B -3 results from the pressure-jumping portion of the fluctuating
pressure. With increasing Mach number, this pressure system moves downstream,
and the pressure jump ceases to occur first at Microphone B-i; therefore, above
Mach 0.87. B-1 senses a drop in SPL and a shift to a high-frequency spectrum
that is characteristic of attached turbulent flow.

Microphone B-2 then senses the fluctuating mean pressure at about Mach 0.90,
with the resulting high-level spectrum peaking at low frequencies. As the Mach
number is further increased, B-2 is within the attached portion of the flow up-
stream of the shock; it now senses high-frequency, low-level pressuies. Micro-
phone B-3, which initially (at Mach 0.86) was receiving pressure fluctuations
caused by the downstream portion of the separation bubble, next (as Mach number

increases to about 0. 89) senses pressures characteristic of the center part of the
bubble. Then, at Mach 0.92, a fluctuating mean pressure is sensed a second time
as the upstream attachment point moves by. Since the fIuctuating mean pressure
condition occurs twice (Mach 0.86 and 0.92) at B-3 it twice causes a drop in peak
frequency of the spectrum, separated at intermediate Mach numbers by peak fre-
quencies characteristic of the separated flow region upstream of the foot of the
shock. At higher Mach numbers, the shock wave moves downstream and the three
microphones are in the attached-boundary-layer flow region (i.e., low-level pres-
sure fluctuations with spectrum peaks at relatively high frequencies). At these
Mach numbers, some positive correlation exists due to the microphones' proximity
in the moving pressure field presented by the convected eddies of the boundary layer.

Although the flow model of locally separated flow occurring near a fluctuating shock
appears consistent with the fluctuating pressure data recorded for Microphones
B-i, B-2, and B-3, without detailed flow measurements it must be considered as
a hypothesis at present. Means for determining flow patterns were not included
in the X-20 wind-tunnel tests because these were beyond the scope of the program,
which was to determine sound pressure levels at specific locations on the vehicle.
To define adequately the flow conditions that exist, boundary-layer velocity pro-
files, Schlieren photographs, and static-pressure distributions are required.

5.5 POWELT SPECTRAL DENSITY ANALYSIS

In addition to the octave band measurements, power spectral density measure-
ments were made from magnetic tape recordings representative of the different
types of pressure histories recorded, to verify experimentally the absence of dis-
crete frequencies in the data. Typical measured results are shown in Figure 18,
with power spectral density curves obtained by mathematically converting octave-
band measurements to the PSD form.

Data for Position A-27, which is downstream of a shoulder with a 26-degree

shoulder angle, is selected for further analysis. An oscillographic pressure
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is shown in Figure 19(a). The significant feature of this trace, as distinguished
from a trace of normal random noise, is that the signal appears to switch rapidly
between two mean pressures at a random rate. As discussed previously, this
suggests an unstable flow condition of alternate separation and attachment of the
boundary layer. The lower-level random-amplitude signal, which is supeiim -
p.osed on the two mean pressures, is attributed to the random noise associated
with the particular flow conditions (i.e., attachod or separated).

By considering the idealized case for a signal that alternates between two ;teady
pressure values at random rates, as in Figure 19(b), it is possible to calculate Lhe
power spectral density associated with such a signal. A calculation was made by
using an expression similar to that for the power spectral density of a random
telegraph signal (Ref. 9), except that provision for a preferred pressu. e value is
included. The mean difference between the two mean pressure values and the mean
time spent at each value were taken from a long-duration oscillograph record. The
calculated curve is shown in Figure 19(c) with a measured power spectral density
for the actual pressure history. The reasonably good agreement in overall level
and spectral content of the calculated and measured values indicates that a process
of random switching between two steady pressures can largely account for the
measured results, and that the superimposed lower-level random -amplitude signal
does not contribute appreciably to the level determination. This supports the theory
that the alternating separation and attachment of the flow is the cause of the very
intense fluctuating pressures at low frequencies that are observed downstream of
convex corners.

5.6 AMPLITUDE DENSITY ANALYSIS

Amplitude density measurements were made for pressure signals typical of the
different spectra recorded at different locations and tunnel conditions for the Ames
transonic test, from which 45-second recordings were available. Good agreement
was obtained between 6-percent-bandwidth measurements and octave band meas-
urements for a few data samples. For convwnience, all subsequent measurements
were made in octave bandwidths. Typical results for two spectrum types are
presented iu Figure 20 as the cumulative pro.2bility of an instantaneous peak in
the signal exceeding a specified peak-to-rms latio. The straight line included
for comparison is the theoretical Rayleigh distribution of amplitudes for narrow-
band-filtered Gaussian noise (Ref. 10).

Inspection of Figure 14 shows that Location A-8 has a pressure history and an
octave band spectrum typical of random noise for an attached boundary layer.
This type noise has an amplitude density that follows closely the Rayleigh distribu-
tion (Figure 20). Location A-27 has a high-level, predominantly low-frequency
spectrum and a pressure history (Figure 15) typical of the alternating Pttached
and separated flow discussed previously. This type of noise has significantly
greater density of high peal,.-to-rms values for all frequency bands than Gaussian
noise (Ref. 7) (Figure 20).
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5.7 FLUCTUATING BASE-PRESSURE MEASUREMENTS

Data taken for Location B-17 on the Boeing transonic tbnnel model for a 10-degree
angle of attack indicate that rms fluctuating pressures on a blunt-ended bady such
as the X-20 can be ae high as 5 percent of Uh,. Typical variation of level with
angle of attack is shown in Figure 21. Microphones B-15A and B-16A are recessed
in the base of the model; levels of about 2 percent of q., were recorded. Although
not shown by the curves, the level for these locations does not vary significantly
with Mach number.

5.8 GENERAL TRENDS

It is desired to develop general trends for predicting sound pressure levels for
application to vehicle design. An examination of the summary curves (Figures
8 to 11) reveals large changes in overall level and frequency for the spectrum
peak. These changes often are associated with small variations in Mach number,
location on the vehicle, and vehicle attitude. This makes it impractical, at least
with present information, to consider predicting the rms pressure level and spec-
trum for specific flight conditions and specific locations on the vehicle. However,
an analysis of the X-20 data, some of the data reported in the literature, and un-
published Boeing data indicates that prediction of maximum overall pressure le-iels
associated wlth the general transonic Mach number range appears to be possible
for some design features. The results of this study are presented in Figures 22
to 28. These figureis include the development curves and the resulting design
charts, which should be useful in predicting rms pressure levels for designs in-
corporating transition sections to accommodate larger vehicle cross sections.

The maximum rms pressure levels (in terms of Prms/qo) ploL-ed as a function
of nondimensional distance (x/d) downstream of a shoulder are presented in Fig-
ure 22 for various transition angles (0). Data for these curves were derived
from three wind-tunnel models (Refs. 11 and 12) by selecting the maximum rms
pressure levels that occurred at particular x/d values over a range of transonic
Mach numbers for each given transition angle. The data for the minimum (8 de-
grees) and maximum (26 degrees) transition angles of the unsymmetrical X-20-
to-booster transition section are included to increase the range of transition angle
(6). The curves shown are for nominally 0-degree angle of attack, although data
from the X-20 necessarily included t = ±4 degrees and • = -4 degrees. It is
believed that small changes in model attitude do not affect the maximum SPL, but
only the Mach number at which it occurs. The data presented show orderly trends
in the direction expected (i.e., maximum SPL is reduced (1) as distance down-
stream of shoulder is increased, and (2) as shoulder angle is decreased).

Although in Figure 22 the range of x/d is restricted for the extreme values of 0
(8 and 26 degrees), the firmly established trends of the 15- and 20-degree transi-
tion angles provide a reasonable basis for extrapolation. Using the data from
Figure 22, a set of design chart curves was developed (Figure 23). The signifi-
cant effect of increasing the transition angle is clearly seen in Figure 23(b) in
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mum rms fluctuating pressure of approximately 6 db.

Twelve X-20 microphone locations are available to compare maximum SPL values
with the design chart of Figure 23. These 12 locations are associated with: (1) the
various transition angles formed by the unsymmetrical transition section of the
X-20 and the booster (angles noted in Figure 7), (2) the two angles at the pilot's
canopy (with and without heat shields), and (3) the several microphone distances
downstream of these shoulders. Comparison of the measured maximum sound
pressure levels on the X-20 with curves derived from the design chart of Figure
23(a) are shown in Figure 24. A summary of the data agreement is as follows:
(1) three-fourths of the X-20 measurements are within ±3 db of the design chart
values, (2) the maximum deviation is 6 db, and (3) the mean deviation is -1.3 db.

Several wind-tunnel models that include a variety of diameter and transition angles
are presented in the literature (Refs. 11, 13, 14, and 15) for which the location
of the maximum SPL can be determined for specific Mach numbers; however, the
data given do not include shock location. Reference 16 gives shock location asso-
ciated with specific Mach numbers for a 1-inch-diameter cone-cylinder model with
various transicion angles, but data for determining the location for maximum SPL
are not given. By using the shock location data for a 1-inch model (Ref. 16) and
assuming direct scaling, the shock locations for other wind-tunnel models were
oredicted.

Assuming that the maximum SPL occurs at the position of the shock, maximum
SPL location data and shock location data can be treated as identical and can be
incorporated into the same graph. Curves of Mach number (at which either the
shock or maximum SPL occurs at a particular location) versus the actual distance
downstream of a shoulder are given for a variety of model diameters (d), and for
three transition angles (e) in Figure 25 (a.-c).

By normalizing the distance data for diametiir, nondimensional plots result which
collapse reasonably well into a single curve for each transition angle, as shown
in Figure 25 (d-f). The collapsing of the data to a single curve indicates x/d
scaling of the maximum SPL location data is appropriate, and it lends support to
the assumption that the maximum SPL occurs at the shock location.

The correlation of shock location with maximum SPL location is more readily seen
in Figure 26, which compares predicted shock location at similar Mach numbers
with measured maximum SPL location for a variety of model sizes and transition
angles.

A set of design curves for estirr 3ting Mach number at which the maximum sound
pressure le IL occurs for a particular transition angle and distance downstream
of a shoulder is presented in Figure 27. These curves were derived from Figure
25 (d-f) plus additional shock location data (Ref. 16) for 25- and 30-degree transi-
tion angles. Ab shown by the curves, the location of the maximum SPL changes
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ber results in a doubling of the distance of the maximum SPL from the shoulder).

The effect of augle of attack in determining the location of maximum SPL on the
leeward side of a vehicle is shown in Figure 28. Data for plotting these trends
were derived from reported results (Ref. 13) for the two-stage model vehicle
shown in the sketch. The data are maximum SPL locations averaged for the two
diameters. A suggested use for these curves is to indicate the approximate shift
in Mach number or x/d to be applied to the curves in Figure 27, which are nomi-
nally for 0-degree angle of attack.
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6.0 CONCLUSTONS AND RECOMMENDATIONS

Highest fluctuating pressure levels occur aft of convex corners, such as transi-
tions to larger vehicle cross sections. These levels increase with steepness of
transition agle, and decrease with distance downstream of the shoulder. As
the Mach number is increased through the transonic range, the overall SPL at
these locations (initially at a high value and peaking at high frequencies) further
increases, and the frequency for the peak level typically becomes lower. At a
"critical" Mach number, the level drops abruptly and the spectrum peaks at a
higher frequency. Future aerodynamic tests should provide for small Mach-

number increments (ideally a continuous Mach-number sweep) and closely spaced
transducers having a broad frequency response. For an 8-inch-diameter scale
model, for example, the transducers should cover a frequency range of 4 to
40,000 cps. This upper frequency limit would correspond to a frequency of ap-
proximately 2500 cps !or a full-scale vehicle of 120-inch diameter.

The maximum overall rms pressure encountered in transonic flight can be esti-
mated for a given cone-cylinder transition angle (6), nondimensional distance
downstream of shoulder (x/d), and dynamic pressure (q%). Similarly, the Mach
lumber at which the maximum sound pressure level will occur can be estimated.

Design charts have been derived from the subject study; however, these charts
should be validated for a closely controlled set of cone-cylinder models, and
should be extended to cover the ranges of transition angles and distance down-
stream encountered in vehicle design. The results of such a study would also
provide a m•eans of predicting spectra associated with the levels obtained. Fluc-
tuating pressure levels near othei common configurational features such as
protuberances and fairings should also be investigated.

The maximum sound pressure levels occur at the locations predicted for the
shock wave, and are attributed to shock/boundary-layer interactions; however,
to define adequately the fluctuating pressure source, means for determining
associated flow patterns are necessary.

Further recommendations for investigating aerodynamic noise include:

1) Experimental verification of scaling principles;

2) Detailed correlation measurements with closely spaced microphones;

3) Tests with flexible models to investigate the interaction of the aerodynamic
pressures and the motion of the structure.
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